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FOREWORD

The current volume entitled "USAF Stability and Control Datcom" has been
prepared by the Douglas Aircraft Division of the McDonnell Douglas Corporation
under Contracts AF33(6 I6)-6460, AF33(615)-1605, F33615-67-C-1156,
F336 I 5-68-C-I 260, F33615-70-C-1087, F33615-71-C-1298, F33615-72-C-1348,
F33615-73-C-3057, F33615-74-C-3021, F33615-75-C-3067, and F33615-76-C
3061. (The term Datcom is a shorthand notation for data compendium.) This effort
is sponsored by the Control Criteria Branch of the Flight Control Division, Air Force
Flight Dynamics Laboratory, Wright-Patterson Air Force Base, Dayton, Ohio. The
Air Force project engineers for this project were J. W. Carlson and D. E. Hoak. The
present volume has been published in order to replace the original work and to
provide timely stability and flight control data and methods for the design of
manned aircraft, missiles, and space vehicles. It is anticipated that this volume will
be continuously revised and expanded to maintain its currency and utility.
Comments concerning this effort are invited; these should be addressed to the
procuring agency.
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SECTION I

GUIDE TO DATCOM

Fundamentally, the purpose of the Datcom (Data Compendium) is to provide a systematic
summary of methods for. estimating basic stability and control derivatives. The Datcom is organized
in such a way that it is self-sufficient. For any given flight condition and configuration the complete
set of derivatives can be determined without resort to outside information. The book is intended to
be used for preliminary design purposes before the acquisition of test data. The use of reliable test
data in lieu of the Datcom is always recommended. However, there are many cases where the
Datcom can be used to advantage in conjunction with test data. For instance, if the lift-curve slope
of a wing-body combination is desired, the Datcom recommends that the lift-curve slopes of the
isolated wing and body, respectively, be estimated by methods presented and that appropriate
wing-body interference factors (also presented) be applied. If wing-alone test data are available, it is
obvious that these test data should be substituted in place of the estimated wing-alone
characteristics in determining the lifhcurve slope of the combination. Also, if test data are available
on a configuration similar to a given configuration, the characteristics of the similar configuration
can be corrected to those for the given configuration by judiciously using the Datcom material.

The various sections of the Datcom have been numbered with a decimal system, which provides the
maximum degree of flexibility. A "section" as referred to in the Datcom contains information on a
single specific item, e.g., wing lift-curve slope. Sections can, in general, be deleted, added, or revised
with a minimum disturbance to the remainder of the volume. The numbering system used
throughout the Datcom follows the scheme outlined below:

Section: An orderly decimal system is used, consisting of numbers having no more than
four digits (see Table of Contents). All sections are listed in the Table of Contents
although some consist merely of titles. All sections begin at the top of a
right-hand page.

Page: The page number consists of the section number followed by a dash number.
Example: Page 4.1.3.2-4 is the 4th page of Section 4.1.3.2.

Figures: Figure numbers tre the 'Same as the page number. This is a convenient system for
referencing purposes. For pages with more than one figure, a lower case letter
follows the figure number. Example: Figure 4.1.3.2-50b is the second figure on
Page 4.1.3.2-50. Where a related series of figures appears on more than one page,
the figure number is the same as the first page on which the series begins.
Example: Figure 4.1.3.2-56d may be found on Page 4.1.3.2-57 and is the 4th in a
series of charts. Figures are frequently referred to as "charts" in the text.

Tables: Table numbers consist of the section number followed by an upper case dashed
letter. Example: Table 4.1.3.2-A is the first table to appear in Section 4.1.3.2.

Equations: Equation numbers consist of the section number followed by a lower case dashed
letter. Example: 4.1.3.2-b is the second equation (of importance) appearing in
Section 4.1.3.2. Repeated equations are numbered the same as for the first
appearance of the equation but are called out as follows: (Equation 4.1.3.2-b).
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The major classification of sections in the Datcom is according to type of stability and control
Jarameter. This classification is summarized below:

Section I. Guide to Datcom and Methods Summary (present discussion including the
Methods Summary)

Section 2. General information

Section 3. Reserved for future use

Section 4. Characteristics at angle of attack

Section 5. Characteristics in sideslip

Section 6. Characteristics of high-lift and control devices

Section 7. Dynamic deriva tives

Section 8. Mass and inertia

Section 9. Characteristics of VTOL-STOL aircraft

The information in Section 2 consists of a complete listing of notation and definitions used in the
Datcom, including the sections in which each symbol is used. It should be noted that definitions are
also trequently given in each section where they appear. Insofar as possible, NASA notation has
been used. Thus the notation from original source material has frequently been modified for
purposes of consistency. Also included in Section 2 is general information used repeatedly by the
engineer, such as geometric parameters, airfoil notation, wetted-area charts, etc.

Sections 4 and 5 are for configurations with flaps and control surfaces neutral. Flap and control
characteristics are given in Section 6 for both symmetric and asymmetric deflections. Section 4
includes effects of engine power and ground plane on the angle-of-attack parameters.

The Datcom presents less information on the dynamic derivatives (Section 7) than on the static
derivatives, primarily because of the relative scarcity of data, but partly because of the complexities
of the theories. Furthermore, the dynamic derivatives are frequently less important than the static
derivatives and need not be determined to as great a degree of accuracy. However, the Datcom does
present test data, from over a hundred sources, for a great variety of configurations (Table 7-A).

If more than preliminary-design information on mass and inertia (Section 8) is needed, a
weights-and-balance engineer should be consulted.

Section 9 is a unified section covering aerodynamic characteristics of VTOL-STOL aircraft, with the
exception of ground-effect machines and helicopters. The Datcom presents less information in this
area than that presented for conventional configurations because of the scarcity of data, the
complexities of the theories, and the large number of variables involved. In most cases the Datcom
methods of this section are based on theory and/or experimental data such that their use is
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restricted to first approximations of the aerodynamic characteristics of individual components or
simple component combinations. However, the Datcom does present a literature summary from
over six hundred sources for a great variety of VTOL-STOL configurations (Table 9-A).

It should be noted that the characteristics predicted by this volume are for rigid airframes only. The
effects of aeroelasticity and aerothermoelasticity are considered outside the scope of the Datcom.

The basic approach taken to the estimation of the drag parameters in Section 4 has been found to
be satisfactory for preliminary-design stability studies. No attempt is made to provide drag
estimation methods suitable for performance estimates.

Each of the m'lior divisions discussed above, notably Sections 4,5,6, and 7, is subdivided according
to vehicle components. That is, the information is presented as wing, body, wing-body, wing-wing,
and wing-body-tail sections. The latter three categories generally utilize component information as
presented in the first two categories and add the appropriate aerodynamic interference terms. In
some cases, however, estimation methods for combined components as a unit are presented. Each
section of the Datcom is organized in a specific manner such that the engineer, once familiar with
the system, can easily orient himself in a given section. A typical section is diagramed below:

Section Num ber and Title

General Introductory Material

A. Subsonic Paragraph
Introductory Material
Specific Methods
Sample Problems

B. Transonic Paragraph
Introductory Material
Specific Methods
Sample Problems

C. Supersonic Paragraph
Introductory Material
Specific Methods
Sample Problems

D. Hypersonic Paragraph
Introductory Material
Specific Methods
Sample Problems

References

Tables

Working Charts
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In general, each section is organii;ed accotding to speed regimes. However, Sections 6.3.1 and 6.3.2
are restricted to the hypersonic speed regime and Section 9 to the low-speed transition-flight
,egime. In a few sections, where applicable, material is included for the rarefied-gas regime as
paragraph E. The material for each speed regime is further subdivided into an introductory
discussion of the fundamentals of the problem at hand, a detailed outline of specific methods, and
sample problems illustrating the use of the methods presented. In the selection of specific methods,
an attempt has been made to survey all known existing generalized methods. All methods that give
reasonably accurate results and yet do not require undue labor or automatic computing
equipment have been included (at least this is the ultimate goal). Where feasible, the configurations
chosen for the sample problems are actual test configurations, and thus some substantiation of the
methods is afforded by comparison with the test results.

To facilitate the engineer's orientation to those Datcom sections that use a build-up of wing,
wing-body, and wing-body-tail components, a Methods Summary has been included at the end of
this section. In addition, the methods of Sections 6.1 and 6.2 are also included in the Methods
Summary. The contents of the Methods Summary present the following: (I) the wing, wing-body,
and wing-body-tail equations available in each speed regime, (2) the sections where the equation
components are obtained, (3) the limitations associated with the equations and their respective
components (limitations from design charts are not included), and (4) identification of the
parameters that are based on exposed planfonn geometry that are not specified by the subscript e.

Sometimes the same limitations, such as "linear-lift range," may occur for more than one
component in an equation. To avoid repetition, the same limitation is not repeated for each
component. The list of limitations should not be construed as effectively replacing the discussion
preceding each Datcom method. It remains essential to read the discussion accompanying each
derivative to ensure an effective application of each method.

Proper use of the Methods Summary will enable the engineer to organize and plan his approach to
minimize the interruptions and the time needed to locate and calculate the independent parameters
used in the equation under consideration.

The Datcom methods provide derivatives in a stability-axis system unless otherwise noted.
Transformations of stability derivatives from one axis system to another are developed in many
standard mathematics and engineering texts. In FDL-TDR-64-70, several coordinate systems are
defined and illustrated, and coordinate transformation relations are given.

All material presented in the Datcom has been referenced; plagiarizing has been specifically avoided.
In general, material that has not been referenced has been contributed by the authors.

In many of the sections, substantiation tables are presented that show a comparison of test results
with results calculated by the methods recommended. Geometric and test variables are also
tabulated for convenience in comparing these results. Wherever possible, the limits of applicability
for a given method have been detennined and are stated in the text.

The working charts are presented on open grid, which in general constitute an inconvenience to the
user. However, with a few exceptions, the grids used are of two sizes only: centimeter and half-inch
grid sizes. This enables the engineer to use transparent grid paper to read the charts accurately.

Another set of documents similar in intent to the Datcom is the "Royal Aeronautical Society Data
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Sheets," available from the Royal Aeronautical Society of Great Britain. These documents are
particularly useful from the standpoint lhat foreign source material is strongly represented in them;
whereas the Datcom emphasizes American information.

As stated in the introduction, the work on the Datcom will be expanded and revised over the years
to maintain an up-t<>-date and useful document. In order to help achieve this goal, comments
concerning this work are invited and should be directed to the USAF Procuring Agency so that the
effort may be properly oriented.

METHODS SUMMARY OUTLINE

DERIVATIVE

C"JJ

Cy
r

C,
r

CD
r

PAGES

1-7 through I-II

1-11 through 1-15

1-15 through 1-18

1-19 through 1-23

1-23 through 1-27

1-27 through 1-31

1-31 through 1-34

1-34 through 1-38

1-38 through 1-40

1-40 through 1-41

1-41 through 1-43

1-43 through 1-45

1-45

1-45 through 1-47

1-47

DERIVATIVE

toc
2max

PAGES

149 throuch 1-50

I-50

1-50

I-51

1-5 I

1-52

1-53

I-53

I-54 through 1-55

I-55

I-56

1-56 through I-57

I-57 through I-58

I-58
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DERIVATIVE PAGES

Co I-59

C/ I-59 through 1-61,
Cn 1-61 through 1-62

Cn 1-62,
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DERIVATIVE CONFIG.
SPEED

REGIME

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

-- =
2"W SUBSONIC

A

2+

4.1.3.2 4.1.3.2

Fig. 4. I .3.2-49

Eq.4.1.3.2-b

Melhod I

I.,

Method 2
I.

3.
4.
5.
6.

No curved planforms
M <;; 0.8. tic <;; 0.1. if ","nked pl"nfo,ms With
round'lE

---
Constant-section. delta or dipped-delta
configurations (ArE = 0)
0.58 <;; A <;; 2.55
0<;;" <;; 0.3
630 <;; A <;; 800

LE
0.10<;; lie <;; 0.30
M = 0.2

---i- -- -- -- -- -- -- -- ---1

I. Curved planforms
2. 1.0 <;; M <;; 3.0
3. Linear-lift range

TRANSONIC

SUPERSONIC

Faired curve between (CL ) . and (CN ) .
a: subsoOlc a: supersonic

Figures 4.1.3.2-56a through-6O

Eq' 4.1.3.2-h

Eq.4.1.3.2-£

I.

3

I.
2.
3.

I.,
3.
4.

Symmetric airfoils of conventional thid\nt's~

distribution
A ~ 3 if composite wings
(){ = 0

Straight-tapered wings
M" 1.4
Linear-lift range

Double"elta and aanked wings
Breaks in LE and TE at same spanwise station
1.2 <;; M <;; 3. 0
Linear-lift ran~e

-------

HYPERSONIC Figures 4. I .3.2·56a through ·60 I. Straight-tapered wings
2. Conventional wings of zero thickness
3. Two-dimensional slender-airfoil theory
4. (){ = 0

1---- -- ---
4 1

{3 V tan
2

ALE
I--~-

(32

Fig. 4.1.3.2-65 I.
2.
3.
4.

Straight-tapered planforms
Wedge airfoils
Two-dimensional slender-airfoil theory
(){ = 0

-------

No curved planforms
M <;; 0.8, t/c';;; 0.1. if cranked wings with
round lE

WB SUBSONIC (a) (CL )
a WB

= [KN + KW(Bl + KB(W) ]

------------4.3.1.2

Fig. 4.3. l.2-a
Method I (body diameter)/(wing semisp"n) <;; 0.8

(see Sketch (d). 4.3.1.2)
(a) Zero wing incidence; wing-body angle of attack

varied
KN (based on exposed wing geometry)

I. Bodies of revolution
2. Slender-body theory
3. linear-lift range

(CLo).

4.
5.
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

(b) Body angle of attack fixed at zero; wing incidence
varied (same limitations as (a) above)

No curved planforms
M .; 0.8, tic .; 0.1, if cranked wings with
round LE

CL •
(Contd.)

WB
(Contd.)

SUBSONIC
(Contd.)

---------
(CLJWB = K(WB) (CLJw

4.3.1.2 4.1.3.2

Eq. 4.3.1.2-b

Eq. 4.3.1.2-c

---------- -----
Method 2 (body diameter)/(wing span) is large with delta

wing extending entire length of body
(see Sketch (c), 4.3.1.2)

(CL.)w

1.
2.

Symmetric airfoils of conventional thickness
distribution
A .; 3 if composite wings

" = 0
5.
6.

Method I (body diameter)/(wing span) is small
(see Sketch (d), 4.3.1.2)
KN (based on exposed wing geometry)

I. Bodies of revolution
2. Slender-body theory
3. Linear-lift range

KB(W) and kW(B) (based on exposed wing geometry)

(CL.).

4.

TRANSONIC (Same as subsonic equations)

Symmetric airfoils of conventional thickness
distribution
A .; 3 if composite wings

" = 0
2.
3.

--- --- -- -- -- - - _.-
Method 2 (body diameter)/(wing span) is large with delta

wing extending the entire length of the body
(see Sketch (c), 4.3.1.2)

(CL.)w

1.

Breaks in LE and TE at same sranwise station
M ;;. 1.4 for straight-tapered wings
1.2 .; M .; 3 for composite wings
1.0 <;; M <;; 3 for curved plan forms

SUPERSONIC (Same as subsonic equations)
Method I (body diameter)/(wing span) is small

(see Sketch (d), 4.3.1.2)
KN (based on exposed wing geometry)

I. Bodies of revolution
2. Slender-body theory
3. Linear-lift range

KB(W) and kW(B) (based on exposed wing geometry)

(CN.).

4.
5.
6.
7.
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS

CL WB SUPERSONIC
Method 2 (body diameter)/(wing span) is large with delta

a
(Contd.) (Contd.)

wing extending entire length of body
(Contd.) (see Sketch (c), 4.3.1.2)

(CNa)w
I. Breaks in LE and TE <:it same spanwise station
2. M;;, 1.4 for straight-tapered wings
3. 1.2 ~ M ~ 3 for composite wings
4. 1.0 <; M <; 3 for curved planforms
5. Linear-lift range

[KN

S' (I -~) q" S"
SIt Method I bw /bn ;;, 1.5

WBT SUBSONIC CL = ( CLa); + KW1Bl + K B1Wl]'
,

+ (CLa);, [KWIB ) + K B1Wl I" ,-
S'

- - - I. (Body diameter)!(wing semispan) <; O.Ra
q= S' S"

~'
, (see Sketch (d), 4.3.1.2)

4.1.3.2 4f1.2 4'T3.2 4.3.1.2 4.4.1 - 2. et' '" a:~tall if high aspect ratio and unswept wings4.4.1

Eq.4.5.I.I-a 3. a: « ct'staJl if low aspect ratio or swept wings

(CLa ); and (CLa);'

4. No curved planforms
5. M <; 0.8, t/c <; 0.1, if cranked plan forms with

round LE
KN (based on exposed wing geometry)

6. Bodies of revolution
7. Slender-body theory
8. Linear-lift range

Of

0"
(depends upon method)

9. Straight-tapered wing
Of

10. Other limitations depend upon aa: prediction
method

q"
-
q=

II. Valid only on the plane of 'Symmetry

---------------- -- ---- --I--- ------ ------- --
S' q" S" S" Method 2 bw /bn < 1.5

CL = (CLa); [KN + KW(B) + KB1Wll' -f + (CLa);' !KW1Bl + K B1Wl]"
,

+ (CLJw "I')
- - - (same limitations as Method I above omitting thosea q= S' s"

4.TTI 4.3:1.2 4.T:'TI 4.3: 1.2 4.4.T of Of /0<»

4.5.1.1 KN and (C L ) (hased on exposed wing geometry)

I
Q W"(v)

Eq. 4.5.1.I-b
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DERIVATIVE

CL •
(Contd.)

CONFIG.

WBT
(Contd.)

SPEED
REGIME

TRANSONIC (Same as subsonic equations)

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
lOalcom section for components indicated I

METHOD LIMIT ATIONS ASSOCIATED WITH
EQUATION COMPONENTS

Method I bw/b
H

;> 1.5

(CL.); and (CL.);'

1. Symmetric airfoils of conventional thickness
distribution

2. A ~ 3 if composite planforms
3. ,,= 0

KB(W) (based on exposed wing geometry)

KN (based on exposed wing geometry)

4. Bodies of revolution
5. Slender-body theory
6. Linear-lift range

Of
(depends upon method)

0"
7. Straight-tapered wings
8. Proportional to CL•

q"

q~

9. Conventional trapezoidal planforrns
10. Valid, only on the plane of symmetry

r-------- ----
Method 2 bw/bH < 1.5

(same limitations as Method I above omitting those of
Of/0")
KN• KB(W). and (CLaJw"(V) (c3.sed on exposed wing

geometry)

1-10

SUPERSONIC (Same as subsonic equations) Method I bw/uH ;> 1.5

(CN.); and (CN.);'

I. Breaks in LE and TE at same spanwise station
2. M;> 1.4 for straight-tapered plan forms
3. I. 2 .. M .. 3 for composite planforms
4. 1.0 .. M .. 3 for curved planforms
5. Linear-lift range

KN (based on exposed wing geometry)

6. Bodies of revolution
7. Slender-body theory

KB(W) (based on exposed wing geometry)

Of

0"
8. Straight-tapered wings

9 0 h I
· . . Of

. t er nnitatlons depend upon - prediction
method 0"



SUPERSONIC (Same as subsonic equation)

TRANSONIC (Same as subsonic equation)

HYPERSONIC (Same as subsonic equation)

DERIVATIVE

CL a

(Contd.)

CONFIG.

WBT
(Contd.)

W

SPEED
REGIME

SUPERSONIC
(Contd.)

SUBSONIC
_ ( x•. c .) cr

Cm - n - -- --=-
Cll cr C

4.1.4.2

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

4.1.3.2

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

q"

q~

10. If nonviscous flow field, limited to unswept wings
11. If viscous flow field, valid only on the plane of

symmetry

Method 2 bw/bH < 1.5

(same limitations as Method 1 above omitting those of
ae/aa)
KN , KBm,), and (CL ) (based on exposed wing

~" CIt: W"(v)

geometry)

1. M .;; 0.6; however, for swept wings with
Eq. 4.1.4.2-<1 I/c .;; 0.04, application to higher Mach numbers

is acceptable
2. Linear-lift range

CLa

3. No curved planforms
4. M .;; 0.8, tic .;; 0.1, if cranked planforms with

round LE

1. Straight-tapered wings
2. Symmetric airfoil sections
3. Linear-lift range

CL•
4. Conventional thickness distribution
5. a = 0

-
1. Linear-lift range

CN•
2. Breaks in LE and TE at same spanwise station
3. M;;> 1.4 for straight-tapered wings
4. 1.2 .;; M .;; 3 for composite wings
5. 1.0 .;; M .;; 3 for curved planforms

1. a = 0
CN•

2. Straight-tapered wings
3. Conventional wings of zero thickness and wedge

airfoils
4. Two-dimensional slender-airfoil theory
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATE!) WITHDERIVATIVE CON FIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS

= (n- ~) ~
xa .c.

(calculations based on exposed wing geometry)Cm WB SUBSONIC Cm CL Eq. 4.1.4.2-d --
a • cr C a cr

(Contd.) -- I. Single wing with body (i.e., no crucifonn or4.3.2.2 4.3.1.2
other multipanel arrangements)

2. M .;; 0.6; however, if swept wing with tic';; 0.04.
application to higher M",-h numbers is acceptable

3. Linear-lift range
CL a

4. (Body diameter)/(wing span) .;; 0.8
5. No curved planfonns
6. Bodies of revolu tion
7. Slender-body theory
8. M .;; 0.8, tic"'; 0.1, if swept wing with round LE

xa.c.
TRANSONIC (Same as subsonic equation) -- (c"lculations based on exposed wing geometry)

cr

I. Straight-tapered wings
2. Single wing with body (i.e., no crucifonn or

other mullipanel arrangements)
3. Symmetric airfoils of conventional thickness

distribution
4. Linear-lift range

CL a

5. Bodies of revolution
6. Slender-body theory
7. '" = 0

X a.c.
SUPERSONIC (Same as subsonic equation) -- (calculations based on exposed wing geometry)

cr

I. Single wing with body (i.e., no crucifonn or
other multipanel arrangements)

2. Linear-lift range
CNa

3. Breaks in LE and TE at same span wise station
4. Bodies of revolution
5. Slender-body theory
6. M )0 1.4 for straight-tapered wings
7. 1.2 .;; M <;; 3 for composite wings
8. 1.0.;; M .;; 3 for curved planfonns

,

I
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATlONS ASSOCIATED WITH

EQUATION COMPONENTS

(Contd.)

WBT SUBSONIC
xc.g. ~ x' [

- - , KNc
.....,...:-C:-""" .

4.5.2.1

Method I

1.

2.

bW IbH .. 1.5

(Body diameter)/(wing semispan) .;; 0.8
(see Sketch (d), 4.3.1.2)
Linear-lift range

(calculations based on exposed plan form geometry)
c'

3 Single wing with body (Le., no cruciform or other
multipanel arrangements)

4. M';; 0.6; however, for swept wings with tic';; 0.04,
application to higher Mach n"umbers is acceptable

KN (based on exposed wing geometry)

5. Bodies of revolution
6. Slender-body theory

(CL )' and (CL )"
a e 0: e

7. No curved planforms
8. M';; 0.8. tic';; 0.1 if cranked planforms with

round LE

Eq.4.5.2.I-d'

4.4.1 4.4.1

*Drag and z terms have been omitted, and small-angle assumptions made with respect
to angle of attack; equation as given is valid for most configurations

9.

10.

Straight-tapered wing
a.

Other limitations depend upon - prediction
method aex

q"

q~

II. Valid only on the plane of symmetry

" -)~ J s"
~" .:c+(c) }xc.g. - xc" "

c" ~ c' KW(B) +KB(W) (CL.)c
c

Eq.4.5.2.1-(--
S" S' qoo La W"(v)

- . - -4.5.2.1 43.1.2 4.1.3.2 4.4.1 4.5.1.1

Method 2 hw IbH < 1.5

(same limitations as Method 1 above, omitting those for
a./aex)
x - x'c.. "'-
---=;,;-- (calculations vased on exposed planform geometry)

c
KN and (CL ) (based on exposed wing geometry)

Q; W"(v)

(calculations based on exposed planform geometry)c'

Method I bwIb
H

.. 1.5

x - x'
c•.

TRANSONIC (Same as subsonic equations)

1.

2.
3.

4.

Single wing with body (i.e.. no cruciform or other
multipanel arrangements)
Straight-tapered wings
Symmetric airfoils of conventional thickness
distribution
Linear-lift range ...-J
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METHODS SUMMARY

DERIVATIVE CON FIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated I
METHOD L1~IITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

(Contd.)

WBT
(Contd.)

TRANSONIC
(Contd.)

KS(W) (based on exposed wing geometry)

KN (based on exposed wing geometry)

5. Bodies of revolution
6. Slender-body theory

(clJ: and (CLJ~
7. ,,= 0

8.

q"
-
q~

9.
10.

Proportional to C
L o

Conventional trapezoidal planforms
Valid only on the plane of symmetry

---- -- ---- --- -- -- -- -- --

(calculations based on exposed plan form geometry)

Method 2 bw/bH < I. 5

(same limitations as Method I above, omitting that for
at/a,,)
x - x'
,~.

C'

KN , KB(W)' and (CL ) (based on exposed wing geometry)
cr W"(v)

(calculations based on exposed planform geometry)
x'

c'
I.

xe.g.

Single wing with body (i.e., no cruciform or other
multipanel arrangements)

2. Linear-lift range
KN (based on exposed wing geometry)

3. Bodies of revolution
4. Slender-body theory

KB(W) (based on exposed wing geometry)

SUPERSONIC (Same as subsonic equations)

Breaks in LE and TE at same spanwise station
M ;;. 1.4 for straight-tapered planforms
1.2 :s.;;; M :s.;;; 3 for composite planforms
1.0 :s.;;; M :s.;;; 3 for curved planforms

(CNo): and (CNo)~
5.
6.
7.
8.

9. Straight-tapered wings

10 0 h I· . . at
. t er ImitatIOns depend upon - prediction

method a"
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CON FIG.
SPEED

DERIVATIVE REGIME

Cm WBT SUPERSONIC
• (Contd.) (Contd.)

(Contd.)

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

11. If nonviscous flow field, limitctl to t1nsw~pt ·..... jng~
12. If viscous flow field, valid only on pia Ill' (~l

symmetry

I. omitting those of Of [oUl

Method 2 bwIbH < 1.5

(same limitations as Method,x .- x
e.g.

-'-"'--- (calculation hased on exposoo planfor:n g~'IHll~ Il'v)
c'

KN , KB(W)' and (c. (Jw '(v) (based on exposed Will!!:

geometry)
~----+-----1-----+--------------------------------+--"---:..:....----------.---.----

W SUBSONIC =(J.+2~) C2 c L Q- --4.1.4.2 4.13.2

Eq.7.I.I.J-a

x
C

I.

2.

M < 0.6; however, for swept wings with
tIc < O.04,applicafiol1 to higher M<Jch Ilumher"
is acceptable
Linear-lift range

3. No curved plal1form~

4. M ~ 0.8, t/e 0;;; 0.1, If cranked wings with
round LE

TRANSONIC (Same as subsonic equation)
j(

-
C

I.
2.

CL•
3.
4.

StraigHt-tapered wings
No camber

Conventional tnickness distribu tion

" = 0

SUPERSONIC

7.1.1.1

+ 2 (~)--4.1.4.2 4.1.32

Eq.7.1.1.1-c

(b)

c

1. Straight-tapered wings

SUbSOlllC LE (/3 cot ALE < I)

2. Mach lint's from TE vertex may not inta",,-'d LE
3. Wlllg·tip Mach lint'S nl<.JY !lot intersect Oil Will~S

nor intersect opposit~ wing tips
Supersonic LE (13 cot ALl > 1)

4. Valid only if Mach lines from LE verk\
intersect TE

5. Foremost Mach line from t:'ither wing lip nldy

not interst:'ct remote half of wing

6. Linear-lift fangeI.--__--l ----l.. -I.. -..J. --:--;-;
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated I
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

Cl •
(Conld.)

W
(Contd.)

SUPERSONIC
(Contd.) 7. M;:;' 1.4

No curved planfotms
Linear-lift range
M ~ 0.6; however, for swept wings with
tic ~ 0.04, application to higher Mach numbers
is acceptable
M ~ 0.8, tic ~ 0.1, if cranked wing with
round LE

4.

Method I (body diameterlj(wing span) is small
(see 4.3.1.2 Sketch (d»

(Clq),
I.
2.
3.

Eq.7.3.I.I-a

7.2.1.1?iTi4.3.1.2

SUBSONICWB

(Clq)B
S. Bodies of revolution

-- -- -- -- -- - -- -- -- -f- - - - - -- -- -- -- - _.-
Method 2 (body diameter)j(wing span) IS large, with delta

Eq.7.3.1.I-b wing extending entire length of body
(see 4.3.1.2 Sketch (c))
(same limitations as Method I above)

Distribution

Straight-tapered wings
No camber
Conventional thick,

" = 0

Method I (body diameter)j(wing span) is small
(see 4.3.1.2 Sketch (d))
KSCW ) (based on exposed wing geometry)

(C l .),

1.
2.
3.
4.

(Clq}B
5. Bodies of revolution

f----------------
Method 2 (body diameterlj(wing span) is large,

with delta wing extending entire length of body
(see 4.3.1.2 Sketch (e))

(same limitations as Method 1 above)

TRANSONIC (Same as subsonic equations)

Straight-tapered wings
M;:;' 1.4
Linear-lift range

SUPERSONIC (Same as subsonic equations) Method 1 (body diameter)j(wing spall) is small
(see 4.3.1.2 Sketch (d»
K

SCW
) (based on exposed wing geometry)

(Clq),
I.
2.
3.
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METHODS SUMMARY

DERIVATIVE CON FIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Dalcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

CL q

(Contd.)

WB
(Contd.)

SUPERSONIC
(Contd.)

(a) Subsonic LE (JJ cot ALE < I)

4. Mach lines from TE vertex may not
intersect LE

5. Wing tip Mach lines may not intersect
on wing nor intersect opposite wlng tips

(b) Sopersonic LE (13 cot ALE> I)

6. Valid only if Mach lines from LE vertex
intersect IE

7. Foremost Mach line from either wing tip
may not intersect remote half of wing

(CLq1
8. Bodies of revolution

1---- - - - - -- -- -- ---- -- --
Method 2 (body diameter)/(wing span) is large,

"ith delta wing extending entire length of body
(see 4.3.1.2 Sketch (c»
(same limitations as Method I above)

No curved planforms
Bodies of revolution
M <; 0.6; however, for swept wings with
tic :s;;; 0.04, application to higher Mach numbers
is acceptable
M <; 0.8, tic <; 0.1, if cranked wings with
round LE

5.

Method I bw/bH " 1.5

I . Line~r-lift range

(CL ) (based on exposed wing geometry)
q WB

2.
3.
4.

Eq. 7.4.I.I-aSUBSONICWBT

q"

q~

Valid only on the plane of symmetry

Additional tail limitations are identical to
Items 2 and 5 immediately above

Method 2 bw /bH < 1.5

Eq.7.4.I.I-b (same limitations as Method I above)

(
CL ) and (CL ) (based on exposed wing geometry)

q WB Q W"(V)

Straight-tapered wings
No camber
Conventional thh.:kness distribution
Bodies of revolution

2.
3.
4.

Method I bw /bH .. 1.5

(
CL ) (based on exposed wing geometry)

q WB

I.

TRANSONIC (Same as sobsonic equations)
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DERIVATivE

CL•
(Contd.)

CONFIG.

WBT
(Contd.)

SPEED
REGIME

TRANSONIC
(Contd.)

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
IDatcom section for components indicated)

METHOLJ LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

5. 0: = 0
KB(W) (based on exposed wing geometry)

q"

q~

6.
7.

(c )"L o ,

8.

Conventional trapezoidal planforms
Valid only on the plane of symmetry

Additional tail limitations are identical to
Items 2, 3, and 5 immediately above

SUPERSONIC (Same as subsonic equations)

Method 2 bw IbH < 1.5

(same limitations as Method I above)

( CL ) , KB(W)' and (CL ) " (based on exposed
q WB 0: W (v)

wing geometry)

Method I bw /bH ;;> 1.5

I. Linear-lift range

(CL ) (based On exposed wing geometry)
• WB

2. Straight-tapered wings
3. Bodies of revolution
4. M ;;> 1.4

KB(W) (based on exposed wing geometry)

(a) Subsonic LE (J3 cot ALE < I)

5. Mach line from TE vertex may not intersect LE
6. Wing-tip Mach lines may not intersect on wing

nor intersect opposite wing tips
(b) Supersonic LE (J3 cot ALE> I)

7. Valid only if Mach lines from LE vertex
intersect TE

8. Foremost Mach line from either wing tip may not
intersect remote half of wing

q"

q..,
9.

10.

(c )"Lo ,

II.

If nonviscous flow field, limited to unswept wings
If viscous flow field, valid only on plane of
symmetry

Additional tail limitations are identical to Items I
and 4 immediately above

\·18

Method 2 bw IbH < 1.5

(same limitations as Method I above)

(CL ) , KB(W)' and (CL )" (based on exposed wing
q W B Q: W ('I)

geometry)



DERIVATIVE CON FIG.
SPEED

REGIME

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom seclion for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

w SUBSONIC

7.1.1.1 7.1.1.1--
.\ t

A[~~+2(fn+
--0.7 Col cos·

~'" ' c/4 A + '1 cos A
L. • c/4

4.1.1
4.1.1.2

1 (A
J

tan' 1\'/4 )

24 A + 6 cos A
C

/
4

+ ~} Eg.7.1.1.2-a

c
I.

2.

M ~ 0.6; however, for swept wings with
t/c ~ 0.04, application to higher Mach numbers
is acceptable
Linear-lift range

AJ tan' 1\ 3,/4

(Crnq)M > 0.'
AB .j. 6 cos 1\'/4

+-

(Crnq)M -0'
B

: -------
AJ tan' 1\,/4

+3 ,
•

,
A + 6 cos 1\'/4 7.1.1.2

Eg.7.I.I.2-b

Eg.7.1.1.2-<: 1. Symmetric airfoils of conventional thickness
distribution

2. CY.: 0

(em q)M "1.2

3. Straight·tapered wings
(a) Subsonic LE (~ cot I\LE < I)

4. Mach line from TE vertex may not intersect LE
5. Wing-tip Mach lines may not intersect on wings nor

intersect opposite wing tips
(b) Supersonic LE (~ cot I\LE > I)

6. Valid only if Mach Jines from LE vertex intersect
TE

7. Foremost Mach line from either wing tip may not
intersect remote half of wing

SUPERSONIC

---7.1.1.2 7.1.1.1 7.1.1.1

Eg. 7. I. l.2-d

(hl

Subsonic LE (~ cot I\LE < 1)

I. Mach line from TE vertex may not intersect LE
2. Wing-tip Mach lines may not intersect on wings nor

intersect opposite wing. tips
Supersonic LE (~ cot I\LE > I)

3. Valid only if Mach lines from LE vertex intersect
TE

4. Foremost Mach line from either wing tip may not
intersect remote half of wing

5. StraighHapered wings
h. M;;> 14
7. Linear-lift fange
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DERIVATIVE

Cm
q

(Contd.)

CONFIG.

WB

SPEED
REGIME

SUBSONIC

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated'

Eq.7.3.1.2-a

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

Method I (body diameter)!(wing span) is small
(see 4.3.l.2 Sketch (d»

I. Linear-lift range

(Cmq ),
2. !'VI ~ 0.6; however, for swept wings with

tic"; 0.04, application to higher Mach numbers
is acceptable

t-------------

(Cmq)B
3. Bodies of revolution

- -1------- - - - - ------

1-20

--4.3.1.2 7.1.1.2 7.2.1.2

TRANSONIC (Same as subsonic equations)

Eq. 7.3.I.2-b

Method 2 (body diameter)!(wing span) is large with
delta wing extending entire length of body
(see 4.3.1.2 Sketch (e»
(same limitations as Method 1 above)

Method I (body diameter)/(wing svan) is small
(see 4.3.1.2 Sketch (d»

I. Linear-lift range
KB(W) (based on exposed wing geometry)

(Cm q) ,
2. Straight-tapered wings
3. Symmetric airfoils of conventional thickness

distri"bulion
4. c< = 0

(a) Subsonic LE W cot ALE < 1)

5. Mach line from IE vertex may not intersect
LE

6. Wing-tip Mach lines may not inter~ect on wings
nor intersect opposite wing tips

(b) SupersonIc LE (~ cot ALE> 1)

7. Valid only if Mach lines from LE vertex
intersect TE

8. Foremost Mach line from either wing tip
may not interesect remote half of wing

(Cmqh
9. Bodies of revolu tion

1--------
Method 2 (body diameter)/(wing span) is large, with

delta wing extending entire length of body
(see 4.3.1.2 Sketch (c»
(same limitations as Method I above)



METHODS SUMMARY

DERIVATIVE CON FIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

Cm q

(Contd.)

WB
(Contd.l

SUPERSONIC (Same as subsonic equations) Method I (body diameter)/(wing span) is small
(see 4.3.1.2 Sketch (d»)

1. Linear-lift range

KB(W) (based on exposed wing geometry)

(Cmq),

2. Straight-tapered wings
3. M;> 1.4

(a) Subsonic LE (~ cot ALE < I)

4. Mach line from TE vertex may not
intersect LE

5. Wing-tip Mach lines may not intersect on wings
nor in tersect opposite wing tips

(b) Supersonic LE (~cot ALE> I)

6. Valid only if Mach lines from LE vertex
intersect TE

7. Foremost Mach line from either wing tip may
not intersect remote half of wing

(Cmq)B

8. Bodies of revolution
-----------

Method 2 (body diameter)/(wing span) is large with delta
wing extending entire length of body
(see Sketch (c) 4.3.1.2)
(same limitations as Method I above)

WBT SUBSONIC S")( ")' ( )( )"= (Cmq)WB -2 [KWtBJ + KBtW ,]" (S~ xc.g.; x :~ CLQ ,

. --
7.3.1.2 4.3.1.2 4.5 .2.1 4.4.1 4.1.3.2

Eq. 7.4.I.2-a
Method I bw IbH ;> 1.5

(Cm ) (based on exposed wing geometry)
q WB

1. Bodies of revolu tion
2. M ~ 0.6; however, if a swept wing with

tic.;; 0.04, application to higher Mach numbers
is acceptable

3. Linear-lift range
q"

Valid only on the plane of symmetry

Method 2 bwIb
H

< I.S

(same limitations as ~h:·thod I above)

(Cm ) and (C'L) " (based on exposed wing geometry)
q WB Ct W (v)

No curved plan forms
M.;; 0.8, tic.;; 0.10, if cranked planforms with
round LE

Eq 7.4.1.2-b

4.5.1.14.4.1 4.1327.3.1.2

~- - - - - - - - - - -- -- --

Cmq = (Cmq)WB -2 (X,g. c~ X") 2{[KW'BJ + KB,wJJ"
, .

4.5.2.1 4.3.12
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METHODS SUMMARY

DERIVATIVE CON fiG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

Cm
q

(Contd.)

WBT
(Contd.)

TRANSONIC (Same as subsonic equations) Method 1 bw/b
H

;> 1.5

(Cm ) (baserl on exposed wing geometry)
q WB

I. Straight-tapered wings
'1 Symmetric airfoils of conventional thickness

distribution
3. Bodies of revolution
4. 0: = 0

(a) Subsonic LE Wcot ALE < I)

5. Mach line from TE vertex may not intersect LE
6. Wing-tip Mach lines may-not intersect on wings

nor in tersect opposi te wing ti ps
(b) Supersonic LE W cot ALE> I)

7. Valid only if Mach lines from LE vertex
intersect TE

8. Foremost Mach line from either wing tip may not
intersect remote half of wing

KB(W) (based on exposed wing geometry)

q"

q~

Conventional trapezoidal plan forms
Valid only on the plane of symmetry

9.
10.

(c )"L. ,

11. Additional tail limitations are identical to Items 2
and 4 immediately above

~-------------
Method 2 bw/b

H
< 1.5

(same limitations as Method I above)

(Cmq)WB' KB(W)' and (CLJw"(V) (based on exposed wing

geometry)

SUPERSONIC (Same as subsonic equations) Method I bw/b
H

;> 1.5

(Cm ) (based on exposed wing geometry)
q WB

I. Straight-tapered wings
2. Bodies of revolution
3. M;> 1.4
4. Linear-lift range

KB(W) (based on exposed wing geometry)

(a) Subsonic LE (P cot ALE < 1)

5. Mach line from TE vertex may not intersect LE
6. Wing-tip Mach lines may not intersect on wings nor

intersect opposite wing tips
(b) Supersonic LE (P cot ALE> I)

7. Valid only if Mach lines from LE vertex intersect
TE
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METHODS SUMMARY
--_._-----,------------------

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMA dON

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

Cm
q

(Contd.)

WBT
(Contd.)

SUPERSONIC
(Contd.)

8. Foremost Mach line from either wing tip Illay not
intersect remote half of wing

q"

9. If nonviscous flow field, limited to unswept wings
10. If viscous flow field, valid only on the plane of

symmetry

(c )"La ,

J I. Additional tail limitations art identical to Items 3
and 4 immediately above

---- ---- -- ---- ---- -- -- --
Method 2 bw IbH < 1.5

(same limitations as Method 1 above)

(c ) ,KB(W)' and (CL )" (based on exposed wing
m q WB 0:, W (v)

geometry)

Triangular pla:lforms
Linear·lift range

M <;; 0.6; however, if swept wing with tic <;; 0.04.
application to higher Mach numbers is acceptahle

1.
2.

xa.c.
-

G,
3.

Eq.7.1.4.I-a

7.1.4.1

= 1.5 (~,) C
La--4.1.4.2 4.1.3.2

SUBSONICW

CL (g)

4. 0 <~A < 4

TRANSONIC (Same as subsonic equation)
I. Triangular plan forms
2. Mer < M ~ 1.0

3. Linear-lift range

c,

4. No camber

5.

6.
CL (gl

7.

Symmetric airfoils of conventional thickness
distribution
,,=0

o<~A < 4

SUPERSONIC
1TAM'

----7.1.1.1 7.1.41

+ 2 E"(~Cl

7.1.1.1

F,(Nl + _1- E"(~C) F1(Nl]
M2

- ---7.1.4.1 7.1.1.17.1.4.1

Method IEq. 7.1.4. I-b
I.
2.
3.

4.

Straight-tapered wings
A = 0
Subsonic LE (~ cot ALE < 11

Mach line from TE vertex may not intersect LE
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I>ERIVAT1VE

CL.
•

(Contd.)

OONFIG.

W
(Contd.)

SPEED
REGIME

SUPERSONIC
(Contd.)

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

f----------
M' ICL. = fi2 (CLJl - fi2 (cLJ,- -7.1.4.1 7.1.4.1

Eq.7.1.4.I·c

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

5. Wing·tip Mach lines may not intersect on wings nor
intersect opposite wing tips

6. Linear·lift range

-'- -- -- -- -- -- -- -- -- -- -- -
Method 2

1. Straight-tapered wings
2. Linear-Ii ft range

(a) Subsonic LE (~ cot ALE < 1)

3. 0.25 < A< 1.0
4. Mach line from TE vertex may npt intersect LE
5. Wing-tip Mach lines may not intersect on wings nor

intersect opposite wing tips
(b) Supersonic LE (~ cot ALE> I)

6. Valid only if Mach lines from LE vertex intersect
TE

7. Foremost Mach line from either wing tip may not
intersect the remote half-wing

Triangular planforms
o<~A < 4
M < 0.6; however, if swept wing with t/c < 0.04,
application to higher Mach numbers is acceptable

WB SUBSONIC (CLJWB = [KW(B) + KB(Wl] (:')(~)(cLJ
.. -

4.3:1.2 7.1.4.1 7.2.2.1

Eq.7.3.4.I·a Method I (body diameter)/(wing span) is small
(see sketch (d) 4.3.1.2)

1. Linear-lift range

(CL .) ,

2.
3.
4.

------------

TRANSONIC (Same as subsonic equations)

Eq.7.3.4.I-b

(CL.)B
5. Bodies of revolution

---_.-

Method 2 (body diameter)/(wing span) is large with delta wing
extending entire length of body
(see Sketch (c) 4.3.1.2)
(same limitations as Method I above)

Method 1 (body diameter)/(wing span) is small
(see Sketch (d) 4.3.1.2)

1. Linear-lift range
K

B
(W) (based on exposed wing geometry)

(CL .),

1·24

3.

4.
5.

Triangular planforms
Symmetric airfoils with conventional thickness
distribution
0<M<4
Mer ~ M ~ 1.0



DERIVATIVE

CL.
•

(Contd.)

CONFIG.

WB
(Contd.)

SPEED
REGIME

TRANSONIC
(Contd.)

SUPERSONIC (Same as subsonic equations)

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

(CL,)B
6. Bodies of revolution

------------~
Method 2 (body diameter)!(wing span) is large with delta wmg I

extending entire length of body I
(see Sketch (c) 4.3.1.2)
(same limitations as Method I above)

Method 1 (body d,ameter)!(wing span) is small
(see Sketch (d) 4.3.1.2)

I. Straight-tapered wing
2. Linear-lift range

Ks (w) (based on exposed wing geometry)

(cL .) ,

(a) Subsonic LE (~ cot ALE < I)
3. Mach line from TE vertex may not Intersect LE
4. Wing-tip Mach lines may not intersect on wings

nor intersect opposite wing tips
(b) Supersonic LE Wcot ALE> 1)

5. Valid only if Mach lines from LE vertex
intersect TE

6. Foremost Mach line from either wing tip may
not intersect remote half-wing

(CLJB
7. Bodies of revolution

--- -- ---- ----- --- -----
Method 2 (body diameter)!(wing span) is large with delta

wing extending entire length of body
(see Sketch (c) 4.3.1.2)(limitations of Method I)

WBT SUBSONIC Eq. 7.4.4.1-a Method I bw!hH ;;. 1.5

1. Linear-lift range
(CLJWB (based on exposed wing geometry)

2. Triangular plan forms
3. 0 < ~A < 4
4. Bodies of revolution
5. M ~ 0.6; however, if swept wing with tic ~ 0.04,

application to higher Mach numbers is acceptJble
q"

q~

6. Valid only on the plane of symmetry

7. Limitations de[Jend upon
a.

prediction lllL'thod
ao:



METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

IDatcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

CL •
•

(Contd.)

WBT
(Contd.)

SUBSONIC
(Contd.) ) (X - X") ( )C =C - 2 c.g. C

La ~ La WB C Lo: W"(v)- -7.3.4.1 4.5.2.14.5.1.1

Method 2 bwIb H < 1.5

Eq.7.4.4.1-b (same limitations as Items I through 5 immediately above)

( CL .) and (C L )" (based on exposed wing geometry)
0: WB 0: W (v)

Triangular planforms
3. Symmetric airfoils with conventional thickness

distribution
4. 0 < ~A < 4
5. Bodies of revolution
6. Me<';; M ,;; 1.0

KB(W) lbased on exposed wmg geometry)

Method I bwIbH ;;, 1.5

1. Linear-lift range

(CLd)WB (based on exposed wing geometry)

o

TRANSONIC (Same as subsonic equations)

q "
-

qoo

7.
8.

a.--
a"

Conventional trapezoidal plan forms
Valid only on the plane of symmetry

9. Proportional to C
L

(CL .);'

10. ,,= 0
II. Additional tail limitation is identical to Item 3

immediately above
f--.---- - ---- --.-

Method 2 bwIbH < 1.5

(same limitations as Items I through 6 immediately above)

(CL .) and (CL )" (based on exposed wing geometry)
a WB a W (v)

SUPERSONIC (Same as subsonic equations) Method I bwIh
H

;;, 1.5

1. Straight-tapered wing
2. Linear-lift range

KB(W) (based on exposed wing geometry)

(CLoJWB (based on exposed wing geometry)

3. Bodies of revolution
(a) Subsonic LE (~ cot ALE < 1)

4. Mach line from TE vertex may not intersect LE
5. Wing-tip Mach lines may not intersect on wings

nor intersect opposite wing tips
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH
DERIVATIVE CON FIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS

CL . WBT SUPERSONIC (b) Supersonic LE (Jl cot ALE> I)
• (Contd.) (Contd.) 6. Valid only if Mach lines from LE vertex(Contd.)

intersect IE
7. Foremost Mach line from either wing tip may not

intersect remote half-wing

KB(W) (based on exposed wing geometry)

"q-
q=

8. If non viscous flow field, limited to unswept wings
9. If viscous flow field, valid -only on the plane of

symmetry
aE--aD!

10. Straight-tapered wings

11. Other limitations depend upon
aE

- prediction
method aD!

(CLJ:'

12. M;;, 1.4
------- -----------_.-
Method 2 bw jb

H
< 1.5

(same limitations as Items I through 7 immediately above)
(CL.) and (CL ) (based on exposed wing geometry)

0: WB a W"(v)

+ (;')
CL.

C W SUBSONIC Cm . = C " CL . Eq. 7.1.4.2-a •m. ma 1. Triangular plan forms• • •
~ ~ 2. 0< JlA < 47.1.4.2 7.1.4.1

3. M ~ 0.6; however, if swept wing with tic 0;;;,; 0.04,
application to higher Mach numbers is acceptable

4. Linear-lift range

TRANSONIC (Same as subsonic equation) CL .
0

I. Triangular planforms
2. Symmetric airfoils of conventional thickness

distribution
3. O</lA<4
4. Mer ~ M ~ I.e
5. Linear-lift range

SUPERSONIC (Same as subsonic equationi C "
m·•

(a) Subsonic LE (Jl cot ALE < I)

1. Mach line from TE vertex may not intersect LE
2. Wing-tip Mach !Jnes may not intersect 011 wings

nor intersect opposite wing tips
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METHODS SUMMARY

DERIVATIVE CON FIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated I
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

(Contd.)

W
(Conld.)

SUPERSONIC
(Conld.)

(b) Supersonic LE (~ cot ALE> I)

3. Valid only if Mach lines from LE vertex intersect TE
4. Foremost Mach line from either wing tip may not

intersect remote half-wing

5. Straight-tapered wings
6. Linear-lift range

7.1.4.2

Triangular plan forms [due

o< ~A < 4
M 0:;;;: O.6~ however, if swept wing with tIc ~ 0.04,
application to higher Mach n umbers is acceptable

3.
4.

Method I (body diameter)!(wing span) is small
(see 4.3.1.2 Sketch (d))

I. Linear~lift range

(Cm ,,),

2.

Eq. 7.3.4.2-a~ [KW1Bl + KB1wlj(; )(";)' (Cm ,,),

4.3.1.2

SUBSONICWB

(Cm;)B
5. Bodies of revolution

--------- -- ------ -- -- -- ---- ---- -- ---- -- - ------ --- ---- -- -- ------

---- -4.3.1.2 7.1.4.2 7.2.2.2

Method 2 (body diameter)/(wing span) is large, with delta

Eq. 7.3.4.2~b wing extending over entire length of body
(see 4.3.1.2 Sketch (c))
(same limitations <lS Method I above)

TRANSONIC (Same as subsonic equations) Method I (body dianleter)!(wing span) is small
(see 4.3.1.2 Sketch Id)

I. Linear-lift range

KB(W) (based on exposed wing geometry)

(CmJ,
Triangular planforms [due to (CLJe]

Symmetric airfoils of conventional thickness
distribution
0< M < 4
Mcr";;;;M~1.0

3.

2.

4.
S.

(Cm;)B
6. Bodies of revolution

f--------------
Method 2 (body diameter),/(wing span) is large, with delta

wing extending entire length of body
(see 4.3.1.2 Sketch (e)
(same limitations as Method I above)

SUPERSONIC (Same as subsonic equations) Method 1 (body diameter)!lwmg span) is small
(see 4.3.1.2 Sketch (d)

1. Straight-tapered wings
2. Linear-lift range
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

(Contd.)

WB
(Contd.)

SUPERSONIC
(Contd.)

KB(W) (based on exposed wing geometry)

(Cm.),

(a) Subsonic LE (~ cot ALE < 1)

3. Mach line from TE vertex may not intersect LE
4. Wing-tip Mach lines may not intersect on wings

nor intersect opposite wing tips
(b) Supersonic LE ~ cot ALE> I)

5. Valid only if Mach lines from LE vertex
intersect TE

6. Foremost Mach line from either wing tip may not
intersect remote half-wing

(Cm.ls

7. Bodies of revelu tion

-------------
Method 2 (body diameter)/(wing span) is large, with delta wing

extending entire length of body
(see 4.3.1.2 Sketch (c))
(same limitations as Method I above)

WBT SUBSONIC Eq. 7.4.4.2-a
Method I bw IbH ;;. 1.5

I. Linear-lift range

(Cm&)WB (based on exposed wing geometry)

2. Triangular planforms [due to (CLQ)e]

3. 0 < ~A < 4
4. Bodies of revolution
5. M <;; 0.6; however, if swept wing with tic <;; 0.04,

application to higher Mach numbers is acceptable

Valid only on the plane of symmetry

"q
-
qoo

6.
af
a",

7.
af

Limitations depend upon prediction methoda",
-------------- -- -- ----- -- -- --

/ x - " \ 2

C =
(Cm.)WB + 2 \ e.g.c x )

(CLo)w"("m·a

7.3.4.2 4.5.21 4.5.1.1

Eq. 7.4.4.2-b
Method 2 bw IbH < 1.5

(same limitations as Items I through 5 immediately above)

(
C) and (CL ) (based on exposed wing geometry)

m Q WB Q W' (v)

TRANSONIC iSame as subsonic equations)
Method I bw Ib

H
;;. 1.5

I. Linear-lift range
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DERIVATIVE

(Contd.)

\·30

CON FIG.

WBT
(Contd.)

SPEED
REGIME

TRANSONIC
(eontd.)

SUPERSONIC (Same as subsonic equations)

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

(
C.) (based on exposed wing geometry)

met" WB

:2. Triangular pJanforms [due to (CLQ)el
3. Symmetric airfoils of conventional thickness

distribution
4. 0 < ~A < 1.0
5. Bodies of revolution
6. M,,';; M .;; 1.0

KB(W) (based on exposed wing geometry)

L
q~

7. Conventional trapezoidal plan forms
8. Valid only on the plane of symmetry

9. Proportional to C
L
"

"'; a
Additional tail limitation is identical to Item 3
immediately above

---- -- -- -- -- -- -- ----
Method 2 bw/bH < 1.5

(same limitations as Items I through 6 immediately above)

(
C) and (CL ) (based on exposed wing geometry)

rna, WB Cl W"(v)

Method I bw/b
H

;;. 1.5

L Straight-tapered wings
2. Linear-lift range

(
C) (based on exposed wing geometry)me.: WB

3. Bodies of revolution
(aJ Subsonic LE (~ cot ALE < I)

4. Mach line from TE vertex may not intersect LE
5. Wing-tip Mach lines may not inters{'ct nn wings nor

intersect opposite wing tips
(b) Supersonic LE (~ cot ALE> 1J

6. Valid only if Mach lines from LE verte;; intersect
TE

7. Foremost Mach line from either wing tip may not
intersect the remote half-wing

KB (w) (based on exposed wing geometry)

q"

q~

8. If nOliviscous flow field, limited to un swept wings
9. If viscous flow field, valid only on the plane of

symmetry



DERIVATIVE CON FIG.
SPEED

REGIME

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

Cm.
Q

(Conld.)

WBT
(Contd.)

SUPERSONIC
(Contd.)

10.
a.

Limitations depend upon prediction method

"'"

Method 2 bw /b
H

.;; 1.5

(same limitations as Items I through 7 immediately above)

(
Cm ) and(CL ) (based on exposed wing geometry)

Q WB Q W"(v)

I-----+------l------I----------------------------+---

W SUBSONIC
(Low Speed)

I
- - 0.0001 Ifl
57.3

Eq.5.I.I.I-a I.

2

Constant-chord swept wings

Linear-lift range

(Subcritical) A + 4 cos 1\'/4

AB + 4 cos 1\,/4
Eq.5.1.1.1-c

TRANSONIC (No method)

1-------- -- --- - --

Cy P 1r 1 0.0001 Ifl
--;;; - - '4 AM'~ 57.3 - ",'

5.1.1.1

SUPERSONIC
",2

8M' I
= ---

1rAf3' 57.3

0.0001 Ifl

",'
Eq. 5.1.1.1-<1, -b I. Rectangular plan forms

2. Mach number and aspect ratio greater than that
for which the Mach line from LE of tip section
intersects TE of opposite tip section

(A .jM' - I;;' I)

----- ~---------_.-
Eq. 5.1.1.1-e, -b I. Sweptback planforms

2. A = a
3. Wing is contained within Mach cones springing

from apex and TE at center of wing

(~ cot I\LE .;; 1m)

WB SUBSONIC (
Body Re;:rence Area) +

(Cy ~)WB =~ tv ~)B
5.2.1.1 4.2.1.1

Eq.5.2.I.I-a

Bodies of revolution
Linear-Ii ft range

TRANSONIC (Same as subsonic equation)

SUPERSONIC (Same as subsonic equation)

(same limitations as subsonic above)

(same limitations as suhsonic above)
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DERIVATIVE CONfIG.
SPEED

REGIME

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Dalcom section for components indicated)

METHOD LL\lITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

Cy
~

(Contd.)

TB SUBSONIC· (ac ) = _ k (C
L

) (1 + aa) qv
y~ VIWBH) a V a~ q~

5TlT 4.T:3.2 ' 5:4. I

Eq.5.3.I.I-b Method I (vertical panels on plane of symmetry)

(CLa)v
____1_" ~aight-tapered plan forms _ ---

Eq.5.3.I.I-c Method 1 (twin vertical panels)

---1------------

(b) (acy )
~ HIB)

=

5.3. J.I
t~1
4.1. J.I

Eq.5.3.1.1-<I

Eq.5.3.J.I-e

Method 3 (horizontal tail mounted on body or no horizontal
tail)
(a) Contribution of vertical panel

( CL \ (based on exposed vertical-tail geometry)
al·

1. No curved plan forms
1. M';;; 0.8. t/c ,;;; 0.1, if cranked plan forms with

round LE
Contribution of horizontal tail

Bodies of revolution
Linear-lift range

TRANSONIC (No method)

= -

SUPERSONIC

(b) (aCy )
~ HIB)

=

K'
~

5.3.1.1

~

5.3.1. I

Eq. 5.3. J.I-f

Eq. 5.3. J.I-g

I. Horizontal tail mounted on b9dy, or no horizontal
tail

2. Linear-lift range
(a) Vertical-tail contribution
K' (based on exposed vertical-tail geometry)
(CN a). (based on exposed vertical-tail geometry)

3. Breaks in LE and TE at same span wise station
4. M;;' 1.4 for straight-tapered plan forms
5. 1.2 ,;;; M ,;;; 3 for composite planforms
6. 1.0 ,;;; M ,;;; 3 for curved planforms

(b) Horizontal-tail contribution

(Cy~).
7. Bodies of revolution
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HYPERSONIC Method I
I.
2.
3.

Horizontal tail mounted on a body
Not substantiated above M = 7
Linear-lift range



DERIVATIVE

Cy ,
(Contd.)

CONFIG.

TB
(Contd.)

SPEED
REGIME

(b) (~Cy), HIB)

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

5.3.1.1 4.1.3.2

--5.3.1.1 4.2.1.1

Eq. 5.3.I.1-f

Eq. 5 3.I.1-g

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

(a) Vertical-tail contribution

K' (based on exposed vertical-tail geometry)

(CN Q)p
4. M> 3

(b) HorizontaHaii contribution

(CY')B
5. Bodies of revolution

- - - - -- -- -- -- -- -- ---- -- -- - -- ------- -- -- - - - - -- ---

(

'Y + I / (r + 1)2
C

p
= (~± 6)2 -- ± y --- +

2 4 I)~~ ± 6)2)
Eq.5.3.I.l-h

Method 2
I.
2.

Sharp-edged sections
6« I

------- ----

----- -- -- -- --
Cy , = (CY')WB + (~Cy ,)VIWBH)

WBT SUBSONIC

5.2.1.1 5.3.1.1

Eq.5.6.I.1-a Method I (single vertical stabilizer, and horizontal tail at
any height or no horizontal tail)

I. Linear-lift range

(CY')WB
2. Bodies of revolution

(~Cy ,)VIWBH)
3. Straight-tapered planfonns

-- -- - --- -- -- -- -- -- -- -- -- -- --
Eq.5.6.I.1-a Method 2 (twin vertical panels)

I. Linear-lift range

(CY')WB
2. Bodies of revolution

No curved plan forms
M .. 0.8, tic .. 0.1, if cranked planforms with
round LE

5.2.1.1 5.3.1.1

Eq.5.6.I.1-b Method 3 (horizontal tail mounted on body or no
horizontal tail)

I. Linear-lift range

(CY')WB
2. Bodies of revolution

(~Cy ,)p (based on exposed vertical-tail geometry)

3.
4.

TRANSONIC (No method)
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METHODS SUMMARY

DERIVATIVE CON FIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LL\lITATlONS ASSOCIATED WITH

EQUATION COMPONENTS

(CY~)WB
3. Bodies of revolution

(dCyp)p (based on exposed vertical-tail geometry)

4. Breaks in LE and TE at same spanwise station
5. M;;, 1.4 for straight-tapered plan forms
6. 1.1 ~ M ~ 3 for composite pla'1forms
7. 1.0 ~ M ~ 3 for curved planforms

Cy
~

(Contd.)

WBT
lContd.)

SUPERSONIC

~

5.2.1.1
~

5.3.1.1

Eq. 5.6.I.I-b

I. Horizontal tail mounted on body or no horizontal
tail
Linear-lift range

--

Straight·tapered wings
A;;' 1.0
Uniform dihedral (alternate form is available to
account for dihedral)
M <; 0.6
_5° ~ ~ ::;;;; +5°
Linear-lift range

Straight-tapered wings
A< 1.0
Uniform dihedral
M <; 0.6
-5°::;;;; (3::;;;; +5°
Linear·lift range

4.
5.
6.

I.
2.
3.

I.
2.
3.
4.
5.
6.

1. Dougle·delta and cranked wings
2. Ai and A~ < 1.0

3. No twist
4. No dihedral
5 M <; 0.6
6. _5° ~ (3 ~ +5°
7. Linear·lift range

ICL ). and (C L ) ,
\ CiI I 0: 0

8. tic ~ 0.1 if cranked wings with round LE

I. Double-delta and cranked wings
2. Ai and A; ;;, 1.0

3. No twist
4. No dihedral
5. M <; 0.6
6. _50 <; ~ <; +5°
7. Linear-lift range

(CLJi and (C LJ:

8. tic <; 0.10 if cranked Wi'lgS with round LE

- -- -~-

Eq. 5.1.2.I-b '

Eq.5.1.2.I-a

Eq. 5.1.2.I-a'.

Eq.5.1.2.I-b

8 tan i\c14

5.1.2.1

- - ---- - ---~----- -- ----

:; [(~t.~ ·(~t]l
4'T3.'2 5.U.l 5.1.2.1 5.1.2.1

I
]

b. ,
- - + C
Ai bw (Lo)o

5.1.2.1

ST.2.1 5.1.2.1-5.1.2.1

5i [ I 2
5w 57.3 3

5.TT.l 5.1.2.1

'(".~ ::[(~L.::: '(~),]l
4.1.3.2 5.1.2.1 5.1.2.1

~---------

:': : (c~) !(CLo),
a total
.~

5.1.2.1 4.1.3.2

1----------
C, : CL[_-I ':':"}_ riA)

~ 57.3 3 A \6

1------- _
C,

~

CL

SUBSONICW
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for componenis indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

I.
2.

CI
~

(Contd.)

W
(Contd.)

5.1.2.1
TRANSONIC

4.1.3.2

5.1.2.1

4.1.3.2

5.1,2.1

(CL~) M=06
4.1.3.2 4.1.3.2

Eq.5.1.2.I-e

Straight-tapered wings
_5° .. /l .. +5°

3. Linear-hft range

~~)M=14
4. Wing tips parallel to free stream
5. No twist
6. Uniform dihedral
7. Foremost Mach line from wing tip may not

intersect remote half·wing

---

Straight-tapered wings
No twist
Uniform dihedral
Linear-lift range

M;>IA

Wing tips parallel to free stream
Foremost ~ach line from wing tip may not
intersect remote half-wing

I.
2.
3.
4.

CN
" 5.

CI
~

r
6.
7.

I. Double-delta and cranked wings
2. No twist
3. No dihedral
4. Straight trailing edge
5. Low angles of sideshp
6. Linear-lift range

(CNJg and (CN.)bW

7. 12 .. M .. 3
8. M > lA, if Ao > A,

9. Ag < 80°. if Ao > Ai

Eq.5.U.I-e

Eq.5.1.2.I-f

4.1.3.2 4.1.3.2- -----

5.1.2.1

(~~ )

-0.061

+ r

---------- ---- ---- ------- --

CI~ = -0.061 [KLff(B\ + ~) (tan ALE g)' [M2 cos
2

ALEg

CN 57.3 J~ 2 /l I Ag

SUPERSONIC CI = -0.061 CNB

CL[(~I~ ) KM A +G~ )J+r [~~ t.CI~ ] +(t.CI~)W + e tan 1\'/4 (t.CI ) I. Straight-tapered wings
WB SUBSONIC CI = Kr

K +--
e tan ~'/4 . 2. Uniform dihedralM r r

~
L A e/2 --.-. 3. M .. Mrb~ ~ - ~~

5.1.2. I 5.1.2.1 5.2.2.1 5.1.2.1 5.1.2.1.5.1,2.15.2.2.1 5.2.2.1 5.1.2.1 4. _5° .. /l .. +5°
Eq. 5.2.2.I-a 5. Linear-lift range
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITHDERIVATIVE CONFIG. REGIME (Datcom section for components indicated I EQUATION COMPONENTS

C, WB SUBSONIC C,
pp (Contd.) (Contd.)(Contd.) CL

6. M .;; 0.6
TRANSONIC 5.2.2.1 5.2.2.1 5.2.2.1

I. Straight-tapered wings

[(~L. -(~:t k~").C:l,.
2. M

fb
.;; M.;; 1.4

3. ~50 .;; ~ .;; +50
C,

(:~ t=!.4

p (c ') Eq.5.2.2.1-<I- =
CL (c ') (c ,) 1.4 ~ Mfb (c ') L. M

N a M:1.4 La M rb La M
fb 4. Wing tips parallel to free stream- - 5. Foremost Mach line from wing tip may not

4.1.3.2 4.1.3.2 4.1.3.2 4.1.3.2 4.1.3.2 intersect remote half-wing

(:~t
fb

6. Uniform dihedral
7. Linear-lift range

(CL ) and (CL )
0: M fb 01 M

8. Symmetric airfoils of conventional thickness
distribution

9. " ~ °
CN [ ( ALE )(tan ALE)[ M' cos' ALE + en :LE) 4/3] I. Straight-tapered wings0

1 +A (1 + ALE )J I + '2 ~ ASUPERSONIC C/ = -0.061 CN
-~

2. M;;> 1.4p 57.3

- 3. Linear·lift range
4.1.3.2 C,

p

[ C/ AC, ]
r

+r --f + -_P + (AC, ) Eq. 5.2.2.1~
4. Wing tips parallel to free stream

r p 'w 5. Foremost Mach line from wing tip may not

- intersect remote half-wing
5.1.2.1 .5.2:2.1 5.2.2.1 6. Supersonic TE

SUBSONIC (AC1p)p (ACy p)p

zp cos a - Qp sin C(

Eq.5.3.2.1-a (ACy p)p (based on exposed vertical-tail geometry forTB =
bw (ACy p)p Method 3)

5.3.1.1
I. Limitations depend upon (ACy ) prediction

method p p

TRANSONIC (No method)

SUPERSONIC (Same as subsonic equation) I. Horizontal tail mounted on body Or no horizontal
tail

(ACy p)p (based on exposed vertical-tail geometry)

2. Breaks in LE and TE must be at same spanwise
station
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH
DERIVATIVE CON FIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS

C/ TB SUPERSONIC 3. Bodies of revolution
~ (Contd.) (Contd.) 4. M ;;> 1.4 for straight-tapered plan forms

(Contd.) 5. 1.2 .;;; M .;;; 3 for composite plallforms
6. 1.0 .;;; M .;;; 3 for curved planlorms
7. Linear-lift range

-
zp cos a -- £p sin a Method J

HYPERSONIC (f>C/~)p = (f>Cya)p Eq. 5.3.2.I-a I. Horizontal tail mount~d on body or no horizontal
bw tail- 2. M<7

5.3.1.1 (f>Cya)p (based on exposed vertical-pand geometry)

3. M ;;> 1.4 for straight-tapered plan forms
4. 1.2 .;;; M .;;; 3 for composite planforms
5. 1.0 .;;; M .;;; 3 for curved planforms
6. Linear-lift range

zp and Qp (based on exposed vertical-panel geometry)

-------------
Method 2

I. Horizontal tail mounted on body or no horizontal
tail

(f>Cy~)p (based on exposed vertical-pand geometry)

2. Sharp-edge sections
3. 5« 1

zp and Qp (based on exposed vertical·panel geometry)

-.-- --- -- ----------- --
Method 3

I. Horizontal tail mounted on body or no horizontal
tail

2. Upper range of hypersonic Mach numbers

(f>Cy ~)p (based on exposed vertical-panel geometry)

zp and Qp (based on exposed vertical-panel geomerry)

+L
p

{(f>CY ~)p ['" cos " b~ Q
p

sin "]}

I. Linear-lift range

WBT SUBSONIC C/ =
(C/a)WB Eq.5.6.2.1-a (C1a)WB

a 2. Straight-tapered wings- 3. Uniform dihedral5.2.2.1 5.3.1.1
4. M.;;; M

fb

5. M.;;; 0.6
6. _5° .;;; ~ .;;; +5°

(.6.Cy ) (based on exposed vertical-tail geometry for
. ~ p (f>Cy ~)p Method 3)

TRANSONIC (No method)
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METHODS SUMMARY

DERIVATIVE CON FIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated I

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

C/
~

(Contd.)

WBT
(Contd.)

SUPERSONIC (Same as subsonic equation)
1. Linear-lift range

(C/~)WB
2. Straight-tapered wings
3. Wing tips parallel to free stream
4. Foremost Mach line from wing tip may not

intersect remote half-wing
5 M;;. 1.4

(Cy ~)p (based on exposed vertical-tail geometry)

6. Additional tail limitation is identical to Item 5
immediately above

W SUBSONIC
(Low Speed)

I [ I
= 57.3 41rA - Eq.5.1.3.1-a I. Linear-lift range

(Subcritical)
Eq.5.1.3.I-b

5.1.3.1

TRANSONIC (No method)

I. A = a
2. ~ cot ALE .;; 1.0 (Mach number and aspect

ratio for which wing lies within Mach cones
springing from apex and TE at center of wing)

I.

2.Eq. 5.1.3.1-c

Eq. 5.1.3.1-<1

Rectangular planform

A JM 2 - I ;;. 1.0 (Mach number and aspecl
ratio greater than those for which Mach line
from LE of tip section intersects TE of opposite
tip section)

----------- ------ ---

~C) 1_1_
57.3

5.1.1.17.1.1.2

1r [""'"r'\ (A2"3~ F9 (N) + T6
7.1.1.1 5_1.3.1

--------- ----
Cn
2=

SUPERSONIC

WB ALL SPEEDS (C )
np WB b

Eq. 5.2.3.I-a

I. Linear-lift range

5.2.3.1 5.2.3.1

TB SUBSONIC Eq. 5.3.3.I-a

Method I

(
LiCy ) (based on exposed vertical-tail geometry for

~ P (LiCy ) Method 3)
~ P

1. Limitations depend upon (LiCy ) prediction
method ~ P

1·38



METHODS SUMMARY

DERIVATIVE CON FIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

lDatcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

C
n~

(Contd.)

TB
(Contd.)

SUBSONIC
(Cuntd.)

= - (t>C y ~)p

5TiT

4.1.4.2

Eq.5.3.3.l-b

Method 2

(t>C y ) (based on exposed vertical-tail geometry for
~ p (t>C y ~)p Method 3)

I. Limitations depend upon (t>C y ) prediction
method ~ p

3.

M .;; 0.6; however, If swept planforms with
tic ~ 0.04, application to higher Mach numbers
is acceptable
Linear-lift range

TRANSONIC (No method)

SUPERSONIC (Same as subsonic equations) Method I
1. Horizontal tail mounted on body, or no horizontal

tail
(LlCy,6)p (based on exposed vertical-tail geometry)

2. Breaks in LE and TE at same spanwise station
3. Bodies of revolution
4. M;' 1.4 for straight-tapered plan forms
5. 1.2 ~ M ~ 3 for composite planforms
6. 1.0 .;; M .;; 3 for curved planforms
7. Linear-lift range

~------------

Method 2
(same limitations as Method 1 above)
(t>Cy~)p (based on exposed vertical-tail geometry)

Linear-lift range
(based on exposed vertical-tail geometry for (..:ley \
Method 3) ~Jp

Limitations depend upon(t>Cy ) prediction
method ~ p

Method 2

(Cn~)WB
I.

( t>C y ~)p

2.

Eq. 5.6.3.l-b

Eq.5.6.3.I-a Method 1

(Cn~)wB
1. Linear·lift range

(t>Cy ) (based on exposed vertical-tail geometry for (t>C y )
~ p Method 3) ~ p

2. Limitations depend upon (t>cy ) prediction
method ~ p

-- -- -- - -- -I- -- -- -- -- -- - - --. -- -_.-

5.3.1.1

5.3.1.1

-5.2.3.1

5.2.3.1

-- - ------------ --------
L p[- (t>C y ~)p Cp +b~")P)]

SUBSONICWBT
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METHODS SUMMARY

CONFIG.
SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATlONS ASSOCIATED WITH

DERIVATIVE REGIME (Datcom section for components indicated) EQUATION COMPONENTS

Cn WBT SUBSONIC
(xa.c,)p

6 (Contd.) (Contd.)
3. M ~ 0.6; however, if swept plan forms with

(Contd.) tIc ..0;; 0.04, application to higher Mach numbers
is acceptab Ie

4. Linear-Ii ft range

fRANSONIC (No method)

SUPERSONIC (Same as subsonic equations) Method I
1. Horizontal tail mounted on body or no

horizontal tail

(Cn~)WB
2. Linear-lift range

(acy.a)p (based on exposed vertical-tail geometry)

3. Breaks in LE and TE at same spanwise station
4. Bodies of revolution
5. M ~ 1A for straight-tapered planforms
6. 1.2 :0.;;;; M ~ 3 for composite planforrns
7. 1.0 ~ M ~ 3 for curved planforms
8. Linear-lift range

------ ---- ---- --
Method 2

(same limitations as Method 1 above)
(~CySp (based on vertical-tail geometry)

Cv p W SUBSONIC Cyp = K [(~: )CL;O CL1+ (.<1Cy p)r Eq.7.1.2.I-a 1. Q' < 0: stall

K
M-' - 2. Test data for lift and drag

7.1.2.1 7.1.2.1 7.1.2.1

(;LPt;o
M

3. M<;;M
"

TRANSONIC (No method)

SUPERSONIC Figure 7.1.2.1-10 1. Thin, sweptback, tapered wings with
strearnwise tips

2. Low iift coefficients

WB SUBSONIC Cy =
K [ (::)CL=O CL]+ (.<1Cy p)r Eq.7.1.2.I-a 1. (Body diameter)!(wing span) <;; 0.3p 2. 0" < O"stall

M
K-' -7.1.2.1 7.1.2.1 7.1.2.1 3. Test data for lift and drag
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITAT10NS ASSOCIATED WITH
DERIVATIVE CON FIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS

Cy WB WBSONIC C::t.op (Contd.) (Contd.)
(Contd.)

M

4. M .;; M"

TRANSONIC (No method)

SUPERSONIC Figure 7.1.2.1-.0 I. Thin, sweptback, tapered wings with streamwise
lips

2. (Body diameter)/(wing span) .;; 0.3
3. Low lift coefficients

(Cy p) WB
[Z - Zp]

(Ll.Cy ~) V(WBH)
Eq.7.4.2.1-a Melhod I (conventionally located vertical tails)WilT SUBSONIC Cy = +2 --

p bw (Cyp ) WB,
7.3.2.1 5.3.1.1 I. (body diameler)/(wing span) .;; 0.3

2. ex ~ O:stall

3. Tesl data for lift and drag
4. M .;; M"

(Ll.Cy~) V(WBHl

5. Additional or identical tail limitations depend
on (Ll.Cy ) prediction method

~ V(WBH)

1--- -- -- ---- -- ---- - -- ---- -- -- ------- -- ----------- -- --

(CYp)WB
[ 2z - Z ] (Cy = + b

w
p Ll.Cy ~ )V(WBHl Eq.7.4.2.1-c Method 2 (vertical tail directly above,or above and slightly

p behind wing),
5.3:1.1 (same Iimitalions as Melhod 1 above)7.3.2.1

TRANSONIC (No melhod)

SUPERSONIC (No method)

4.1.3.3

SUBSONIC C~P )C
L

=0 (f) (CLa)C
L ( C1p ) r

Eq.7.1.2.2-a I. M';;MC, W c, = + ( Ll.C, )
(CLa) CL=0 (C1p ) roO "p p p drag

(CLa ) CL- ,
4 i.3.2

,

7.1.2.2 4.1.1.2 7.1.2.2 7.1.2.2 2. Symmetric airfoils

3. I x 10· .;; R, .;; 15 x 10· based on MAC

(CLa)CL'O

4. Straight-taoered wings

TRANSONIC (No method)
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS

~/p)~heOry ]
C/

I. Straight-tapered wings
C/

p
Eq. 7.1.2.2-<1W SUPERSONIC C, ; A

IC ) 2. Wing tips parallel to free stream0 (Contd.) 0
\ 'p theory 3. Foremost Mach line from tip may not(Contd.)

7.1.2.2 7.1.2.2 intersect remote half-wing
4. Supersonic TE

4.1.3.3------
C/ =(~~P)CL=O G)

(CLJ c
L (C'p)r

(.aCt p) drag
I. (Body diameter)/(wing span) .;; 0.3WB SUBSONIC

(cL.) c
L

=0
+ Eq. 7.1.2.2-a

0 (C/p) roO 2. M .;; M"
~ - ~~ ~,~----..-'

(CL.) c
L

7.1.2.2 4.1.1.2 4.1.3.2 7.1.2.2 7.1.2.2

3. Symmetric airfoils

4. 1 x 10· .;; R, .;; 15 x 10· based on MAC

(cL.) CL=0

5. Straight-tapered wings

TRANSONIC (No method)

C,
SUPERSONIC

(C'o) WB (C'o) W
0

Eq. 7.3.2.2-a I. Straight-tapered wings. If (body diameter)/(wing=
(C,o) d/b=O span) > 0.3, valid only for triangular wings)

-..- '---:2)"- 2. Cylindrical or nearly cylindrical bodies
7.1.2.2 7.3.2.

(C/o) W
3. Wing tips parallel to free slream
4. Foremost Mach line from tip may not

intersect remote half-wing
5. Supersonic TE

CH~ cHr Hb:) [Z :WzoJI (ACy g) V(WS~) Method I (conven lionally located vertical tails)WBT SUBSONIC C/ = (C/ ) + 0.5
(C/o) H Sw bw + Eq. 7.4.2.2-a

p p WB (c/) and (C/ )-..- -..- -'~ '.,- P WB P H
7.1.2.2 7.1.2.2 5.3 1.1 I. StraighHapered planforms

2. Symmetric airfoils
3. (Body diameter)!(wing span) .;; 0.3
4. M .;; M"

5. ! X 10· .;; R, .;; 15 x 10· based on MAC

(ACy g) V(WBH)

6. Additional or identical tail limitations depend
on (ACy ) prediction methodg V(WBH)
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH
DERIVATIVE CON FIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS

(Clp ) WB CH) cHr I:W [2Zb~ ZpJI(tJ.Cy ~) V(WBH) Method 2 (vertical tail located directly above, or above andC, WBT SUBSONIC C, = + 0.5 (Clp ) H~ b
w

+ Eq. 7.4.2.2-b
p

(Contd.) (Contd.) p slightly behind wing)
(Contd.) ---- ---- ~ (same limitations as Method I above)7.1.2.2 7.1.2.2 5.3.1.1

TRANSONIC (No method)

SUPERSONIC (No method)

[ -Clp
tan 0 _ ( C

n
p ) _ C

L
] ( tJ.> ) 0 .[(:j::,] (::), I. M<;;M

"Cn W SUBSONIC Cn = -C,p tan 0 - K + 6f 2. Lift coefficients up to stall (if reliable lift andp p CL cL-o
drag da ta are available)

M
CI- - -- ,

7.1TI - p
7.1.2.2 7.1.2.3 7.1.2.2 7.1.2.3 7.1.2.3 6.1.1.1 3. Straight-tapered wings

Eq. 7.1.2.3-a
4. Symmetric airfoils

5. I x 106 <;; R, <;; 15 X 106 based on MAC

TRANSONIC (No method)

SUPERSONIC
Cnp

C~p )bndY

2xc.g.
( C: p ) _

( C'p Cn, ) Eq. 7.1.2.3-e
Method I 'Subsonic leading edges (~ cot ALE <I)-- = + -

0 A(] +;1.) I. Straight-tapered wings
aXIs

2. Streamwise wing tips- - -7.1.2.3 7.1.2.1 7.1.2.2 7.1.3.3 3. Low lift coefficients
C,

p
4. Foremost Mach line from tip may not

intersect remote half-wing
5. Supersonic TE

1------------- -- -- -- -- -- -- -- -- -- 1------------ - ----
Cnp

Cn
p

)
[ 2x I 1 Cy Method 2 Supersonic leading edges (~ cot ALE > I)

- = a bo~y + A(l :\)
- - tan ALE p - C, Eq.7.1.2.3-g

(same limitations as Method I above)0 2 J 0 p
aXIs - -7.1.2.3 7.1.2.1 7.1.2.2

WB SUBSONIC Cnp
-CI tan 0 -K [-c, tan 0 - C~~) CL]

Eq.7.1.2.3-. I. (Body diameler)/(wing span) <;; 0.3=
2. M<;;Mp p CL cL'o "

M 3. Lift coefficients up to stall (if reliable lift- - - and drag data are available)7.1.2.2 7.1.2.3 7.1.2.2 7.1.2.3
C,

p

n [" ] 4. Straight-tapered wings

+ Onp 0 + (:;)::, (:~)f 6, 5. Symmetric airfoils

6. I x 106 <;; R. <;; IS X 106 . based on MAC

- --
7.1.2.3 7.1.23 6. J.:.I
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METHODS SUMMARY

•
DERIVATIVE CONFIG.

SPEED
REGIME

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

(No method)Cn p

(Contd.)

WB
(Conld.)

TRANSONI!=

SUPERSONIC

a
(

Cnp) +
= -a- body

axis

7.1.2.3

2xc.g.

A(l + X)
Eq.7.1.2.3-o Method I

I.
2.
3.
4.

Subsonic leading edges (~ cot ALE < 1)

Straight-tapered wings
Streamwise wing tips
(Body diameter)/(wing span) .;; 0.3
Lift coefficients where en varies linearly
with C

L
P

~-(C;:)- -[--;: - -1 - -]Cy- .--
_P_ = __P_ + e.g. __ tan A __P - C
a a body A(l + X) 2 LE a Ip

,,~

-- -- -- -.- ----

Eq. 7.1.2.3-g

S. Foremost Mach line from rip may not
intersect remote half-wing

6. Supersonic TE
----

Method 2 Supersonic leading edges (~ cot ALE> I)

(same limitations as Method I above)

7.1.2.3 7.1.2.1 7.1.2.2

WBT SUBSONIC

7.3.2.3

[
z - z ]

sin a)~ (LiCy~) V(WBH)

5.3.1.1

Eq. 7.4.2.3-a Method I (conventionally located vertical tails)

(Cnp ) WB

I. Straight-tapered wings
2. Symmetric airfoils
3. (Body diameter)/(wing span) .;; 0.3
4. M:< Mer

5.

6

I X 106 .;; R, .;; 15 X 106 based on MAC

Lift coefficients up to stall (if reliable lift
and drag data are available)

(LiCy ~) VeWBH)

7. Additional or identical tail limitations depend
on (LiCy ) prediction methodI-- ~_V(WBH)__ __ __ _ _

() rz - Zp] ( ) (same limitations as for Eq. 7.4.2.3-a above)
Cn = Cn + 2 -- LiCn Eq.7.4.2.3-b (LiC) I

p pWB .bw f3p nf3p

7.3.2.3 I. Test data
1----- - - -- - --- --------- ~

[Qp
cos ab: zp sin a] [2Z - Zp] (LiCy ) Eq. 7.4.2.3-c Method 2 (vertical tails located directly above, or above !

[ bw , ~ V(WBH) and Slightly behind wing)
5.3.1.1 (same limitations as for Eq. 7.4.2.3-a above)

- ------------- - -1--- ------- ---

C =(c) -n p n p WB

7.3.2.3

1------

C
n p = (Cnp)WB +

7.3.2.3

Eq. 7.4.2.3-d (same limitations as Method I above)
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH
DERIVATIVE CONFIG. REGIME lDatcom section for components indicated) EQUATION COMPONENTS

C
np

WBT TRANSONIC (No method)

(Contd.)
(Contd.)

SUPERSONIC (No method)

Cv, W SUBSONIC (No method)

TRANSONIC (No method)

SUPERSONIC (No method)

WB SUBSONIC (No method)

TRANSONIC (No method)

SUPERSONIC (No method)

WBT SUBSONIC Cv = (cv,) WB
- _2_ (2 cos a + z sin,,)(<lC ) Eq. 7.4.3.I-a I. Aperiodic mode only

b p p Y (J VtWBH)

(Cv,) WB

,
W ,

5.3.1.1
2. Test data

(<lCv• )V(WBH)

3. Additional tail limitations depend on
(<l(~v ) prediction method

(J V(WBH)
i--- - -- -- -- - -- -- -- -- ---- -- ---- -- --1--- -- ----- -- -------
Cv = (cv , )WB + 2 (<lC ) Eq. 7.4.3.I-b (Cv ) and (<lCn ), n. p r WB 13 P

I. Test data

TRANSONIC (No method)

SUPERSONIC (No method)

t~JCL:O ( <lCI) (<l:I,) 0 [e;\J (::)," Eq. 71.3.2-a I. M~MC, W SUBSONIC CI = CL + (<lC, ) + -- r + +r ", , , cL
(<lCI )

M r c
L-- ~ ~ 2. No curved planforms713.2 7.132 7.1.3.2 7.1.3.2 7.13.2 6.1.1.1

3. No twist or dihedral, if non~straight·tap('red

wings
4. tic <;; 0.1 if cranked wing with round LE
5. M <;; 0.6
6. Linear-lift range

7. --50 ~ (3 ~ +5°

TRANSONIC (No method)

SUPERSONIC (No method)
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

No curved planforms
No twist or dihedral, if non·straight-tapered
wing
tic, 0.1 if cranked wing with round LE
M, 0.6
Linear-lift range

_5° ~ t3 ~ +5°

5.
6.
7.

8.

I. (Body diameter)/(wing span) .;;; 0.3
2. M ~ Mer

(~CI,k

3.
4.

C, WB SUBSONIC ~(:~t=o +
(C

I
} (;1,) 8 .~~" ](:;), " Eq. 7.1.3.2-aG, = (~C/) + -- r +, r(Conld.) , c

L
M {; 6r

r. - - -7.1.3.2 7.1.3.2 7.1.3.2 7.1.3.2 7.1.3.2 6.1.1.1

TRANSONIC (No method)

SUPERSONIC (No method)

WBT SUBSONIC C =Ir

7.3.3.2

- .2- (£ cos a+ z sin a) (z cos a- £p sin a) (~Cy )
b2 P P P \ ~ V(WBH)

W ....--:-7'1:-:--
5.3.i.t

Eq. 7.4.3.2-a

No curved plan forms
No twist or dihedral, if non-straight-tapered
wing

3. tic, 0.1 if cranked wiDg with round LE
4. (Body diameter)/(wing span) , 0.3
5. M, 0.6
6. M ,M

"7. Linear-lift range

8. _50 , ~ , +5°

(loCy~) V(WBH)

9. Additional or identical tail limitations depend on

(~Cy ) prediction method
13 V(WBH)

--~--------------

Eq. 7.4.3.2-b (C,,) WB

(same limitations as for Eq. 7.4.3.2-a)

(loCI~)p
l. Test data

(CI,) WB

(same limitations as for Eq. 7.4.3.2-a)

(~Cn ) . (~Cy ) . and (loCI )
Il p (j VCWBH) {3 p

I. Test data

Eq. 7.4.3.2-c+ 2

f--- - - - - - - -- -- -- -- -- -- -- -- ----

( ~Cn~)p

(~Cy ~) V (WBHj

. 5.:3.1.1

TRANSONIC (No method)

1-46



METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATlONS ASSOCIATED WITH
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS

c'r WU SUPERSONIC (No method)
(Contd') (Conld.)

= ( :~,) +( ;~J I. No twist nor dihedral
C. W SUBSONIC C. C2

CD Eq. 7.1.3.3-a
2. Lift-coefficient range for which Cn variesL• , 0

linearly with CL '----,- 7T3:37.1.3.3

TRANSONIC (No method)

SUPERSONIC (No method)

c;') (~J
I. No twist nor dihedral

WB SUBSONIC Cn = C2 + Eq. 7.1.3.3-a 2. Lift coefficient range for which Cn variesL,
linearly with CL '

~ ---7,1.3.3 7.1.3.3

TIlANSONIC (NCJ method)

SUPERSONIC (No method)

(Cn')WB .2 (£p COS" +zp sin ,,)2 (ACy )
I. Aperiodic mode only

WBT SU.ONIC C. = + Eq. 7.4.3.3-.
(Cn')W9, 2 ~ V(WBH)

b
2. No twist nor dihedralW •

Lift-coefficient range for which Cn variel7.3.3.3 5.3.1.1 3.
linearly with CL '

(ACy ~) V(WBH)
4. Additional tail limitations depend upon

(ACy ) prediction method
~ V(WBH)

------ --------- - ----------- --- I--- ---- -- ------ -_.-

(Cn,) WB

(ACn~)~ (same limitations as for Eq. 7.4.3.3-a above)
Cn = + 2

(ACy ~) V(WBH)
Eq.7.4.3.3-b

( ACn~)p,
, . I. Test data

7.3.3.3 5.3.1.1

TRANSONIC (No method)

SUPERSONIC (No metbod)
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

-------------

W
(two dim)

SUBSONIC

~--

Eq. 6.I.I.I-a I. Linear-lift range
2. Other limitations depend upon type of flap

(see Equations -c through -j below)

Eq.6.I.I.I-b 1.
2.

Linear-lift range
Other limitations depend upon type of flap
(see Equations -c through -j below)

----------------

f--- ----- ------

test data 6.1.1.1

r-- -- -- -- -- -- --

Plain trailing-edge flaps with sealed gaps
No beveled trailing edges
No compressibility effects

I.
2.
3.

Eq. 6.1.I.I-c

-- -- ---- -- -- -- -- -- -- ---
(a) Single-slotted flaps

Eq.6.1.1.I-<1 (b) Fowler flaps

I. Near fully extended position
2. Slot properly developed

-- -- --- ------ -- - -- -- ---

K'

6.1.1.16.1.1.1

(c. )
o theory

.
6.1.1.1

~c. ;;

~--

1/1
'-..--'
6.1.1.1

c'

c
Eq. 6.1.1.I-e

---- -

(a) Single-slotted flaps
(b) Fowler flaps

--------
~c ;;• c•

'r
~
6.1.1.1

-.-'
6.1.1.1

)
c'

(~r + ~r -
1 2 c

Eq.6.1.1.I-h I.
2.

Double-slotted flaps
Ratio of forward-flap chord to aft-flap chord';; 0.60

1--- -- ---

'-..--' '-v--J
6.1.1.1 6.1.1.1-- -- -- -- -- -- -- --

Double-slotted flaps
Ratio of forward-flap chord to aft-flap chord ::::: 1.0

I.
2

Eq.6.I.I.1-i
, , )c - c

~r2 ( I + c ac.
'r
~
6.1.1.11---

Eq.6.I.I.I-j I. Split flaps

-+--- - -- ----------
4.1.1.2 6.1.1.1...----- -- ---- ------ -- ------

~c.;; {[I+kt(;,)]~r(c"r - C~) +C~~r+[I+kt(;')]~j(c", - C: )+ C: ~j}~ Eq.6.I.I.1-k

...." '--' '--'...." ...." ~ '--' "-v-'
6.1.1.1 6.1.1.1 6.1.1.1 6.1.1.1 6.1.1.1 6.1.1.1 6.1.1.1 6.1.1.1

I. Jet flaps (first approximation for multislotted flaps)
2. Linearized thin-airfoil theory
3. No trailing-edge separation
4. No augmentor-wing concept
5. Not valid for low values of C

~
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METHODS SUMMARY

DERIVATIVE CONFIG
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

~C2 = Ci, 6 f---........
6.1.1.1---- - -- -- -- ----- -- -- - -- ----

-Ci ~o/. ,---........ ---........
4.1.1.2 6.1.1.1

-- --'- ------ - ---- -- - --'-
Eq. 6.1. 1. I-m 1. Thin-airfoil theory

.Ca) Krueger flaps
_____ ~Leading-edgeslats __

Eq. 6. I. I. 1-n I. Plug or flap spoiler
2. Zero-lift region

----------

I. Leading-edge flaps
2. Thin-airfoil theory

Eq. 6.1.1.1-2

,
6~

f cC2,

~

6.1.1.1

~c =2

-----
~c, =

SUBSONIC
(Contd.)

W
(two dim)
(Contd.)

C2,

and
0<,

(Contd.)

1--- _

w
(two dim)

SUBSONIC

4.1.1.2

(same as that for flap-retracted section - see Section 6.1.1.2\

-- -- -- -- -- --- -- - --

I.
2.

3.

4.
5.

6.

Fixed-hinge trailing- and leading-edge flaps
6f .;; 20° for plain flaps

6f <; 30° for single.;;lotted and Fowler flaps

5f <; 60° for double.;;lotted flaps

6f .;; 45° for split flaps

No separated flow

C·

(c2.), = "Z (c2J. =0

4. I.1.2

Eq. 6. I.1.2-a Translating trailing-edge flaps and leading-edge
slats

f--- -- -- -- -- -- -- -- -- -- -- ---- -- - -- -- -- ~ -- - -- -- -- -- -- -- ----

I. Spoilers
2. ex> 0
3. c2 < 0

I. Jet flaps (first approximation for multislotted flaps)
2. Linearized thin-airfoil theory
3. No trailing-edge separation
4. No augmentor-wing concept
5. Not valid for low values ofC~

Eq. 6.1.1.2-b

- -- -- -- -- -- --- -- --

}

c'
Cc' - C' ) + C' -

12(¥ Il Jl.c
'-r-'
6.1.1.1

(same as basic airfoil)

6.1.1.2

1-------------
(c2.), = (c2.). =0

6.1.1.3 6.1.1.36.1.1.3

~----

1. Thin-airfoil theory
Ca) Leading-edge flaps

2. No Krueger flaps
3. 6f < 300

Cb) Leading-edge slats
4. 6, < 200

Ac
2.... w

(two dim)
SUBSONIC ~c,max

~c =
2

=

c2
°max---........

5.1.1.3

l1max 776

---........~
6.1.1.3 6.1.1.3

(~c2max1ase
6.1.1.3

,
6 :..

f c

Eq.6.1.1.3-a

Eq.6.1.1.3-b

I. Trailing-edge flaps

-- -- - ---_.-
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METHODS SUMMARY

DERIVATIVE CON FIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

I. Smallieading-edge devices
2. Thin-airioil theory

.:lc, (depends upon type of flap)

Method I
I. Plain, split, and multislotted trailing-edge flaps
2. Linear-lift range

.:lc, (depends upon type of flap)

~-- -- -- -- -- -- ----Method 2
I. Plain trailing-edge flaps
2. Subcritical Mach numbers
3. Linear-lift range

-- -+-- -- -- -- -- -- -- -- -- -

Eq.6.1.2.I-a

-- -- --- -- -- -- --- --- -- --

.:lcrn = .:l~ [x;c _ (x:,p)( ~,) ]

'-v-' '-v-'
6.1.1.1 6.1.2.1

f--- - - ------

Figure 6.1.2.1 -35b

SUBSONICW
(two-dim)

1---- -- - -- -- -- -- ---
Eq.6.1.2.I-b

-------- -- ------
Eq. 6.1.2.1-e I.

2.
3.
4.
5.

Jet flaps (first approximation for muitislotted
flaps)
Linearized thin-airfoil theory
No trailing-edge separation
No augmentor-wing concept
Not valid for low values of C.

W
(two dim)

SUBSONIC (c ) = (e- ) (same as that for flap-retracted sections)rna 6 -rna 6=0

f---- -- -- -- -- -- -- -- -- -- --- -- -- -----
I. Leading- and trailing-edge mechanical flaps
2. No separated flow -_.-

6.1.2.1 6.1.2.1

Eq.6.1.2.I-k I. Jet flaps (first approximation for multislotted flaps)
2. Linearized thin-airfoil theory
3. No trailing-edge separation
4. No augmentor-wing concept
5. Not valid for low values of C.

W
(two dim)

SUBSONIC Figure 6.1.2.3-3 I. Portion of em curve below the moment breakc,
.:lc, (depends upon type of flap)
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

(So:) theory

+ 2 (C, )
01 theory

Eq. 6.I.3.1-b c;,.
Radius-nose, sealed, trailing-edge flaps
Tangent of half the trailing-edge angle oF tic
No separated flow
Low speeds

Radius-nose, sealed, trailing-edge flaps
Tangent of half the trailing-edge angle = tic
No separated flow
Low speeds

-- -- -- -- -- -- -_.-

\.
2.
3.
4.

I.
2.
3.
4.

----

Eq.6.1.3.I-a

4>~E _ .!.)
2 c

4.1.1.2

[
c, 1I - • (tan

(C20: )theOry

6.1.3.1

4.1.1.26.1.3.1

SUBSONICw
(two dim)

>-- - - ---:;.-[('it-,:/.-balan-c-.]--- -- -- - - -
('it.)balance = -n

•
6.1.3.1 6.1.3.1

----------- -
Eq. 6.\.3.1-c I. Control with nose balance

<•
2. Radius-nose, sealed, trailing-edge flaps
3. No separated flow
4. Low speeds

1-----_.-1-----------------------------+------------------1
TRANSONIC (No method)

I. Airfoils with sharp leading and trailing edges
2. Symmetric, circular-arc airfoils
3. crlc < 0.5

4. Small flap deflections
5. Small angles of attack
6. Flow field supersonic and inviscid
7. No separated flow

SUPERSONIC = -C1 + C2 4>TE
---..,....... ---..,.......
6.1.3.1 6.1.3.1

~---------

(~'it ) t

'it. =~ -;;; ~
6.1.3.1 6.1.3.1

Eq.6.1.3.1-e

Eq. 6.1.3.I-f

\.
2.
3.

4.
5.
6.
7.

Airfoils with sharp leading and trailing edges
Symmetric, straight-sided flaps
crlc < 0.5

Small flap deflections
Small angles of attack
Flow field supersonic and inviscid
No separated flow

---
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom ,od,on for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

w
(two dim)

SUBSONIC

6.1.3.2 6.1.3.2

Eq. 6.1.3.2-a I.
2.
3.
4.

Radius-nose, sealed, trailing-edge flaps
Tangent of half the trailing-edge angle = tic
No separated flow
Low speeds

-- - - -- -- -- -- -- -- -- -- -- -- -- -- -- - -- -- -- -- -- -- -- -- ----

----------

Radius-nose, sealed, trailing-edge flaps
No separated flow
Low speeds

Radius-nose, sealed, trailing-edge flaps
Tangent of half the trailing-edge angle,* tic
No separated flow
Low speeds

Control with nose balanceI.

I.
2.
3.
4.

2.
3.
4.

Eq. 6.1 .3.2-<:

Eq. 6.1.3.2-b

-- --~

6.1 .3.2

6.1.1.1

-.-
6.1.3.2

6.1.3.2
----

1--------1-------------------------------+----------------------i
TRANSONIC (No method)

1-------

'1.. = ~+ (~) ~
6.1.3.2 6.1.3.1

Eq. 6.1.3.2-<1 I. Airfoils with sharp leading and trailing edges
2. Symmetric, straight-sided flap
3. cf/c'< 0.5

4. Small flap deflections
5. Small angles of attack
6. Flow field supersonic and inviscid
7. No separated flow

-- -- -I- -- -- -- -- -- -- -- -- ----

SUPERSONIC c.on. = -C t + C2 t/JTE
-.....-.... '--.--'

6.1.3.2 6.1.3.2

Eq. 6.1 .3.2-e I. Airfoils with sharp leading and trailing edges
2. Symmetric, circular-arc airfoil
3. cf/c';;; 0.5

4. Small flap deflections
5. Small angles of attack
6. Flow field supersonic and inviscid
7. No separated flow

W
(two dim)

SUBSONIC

Eq. 6.1.3.3-a

I.

2.

3.

4.

-180
.;;; 6 .;;; I 80

t

Does not account for effects of airfoil thickness,
control-surface gaps, control nose balance, and
TE angle

Low speeds

Linear hinge-moment range
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DERIVATIVE CONFIG.

W

(two dim)

SPEED
REGIME

SUBSONIC

METHODS SUMMARY

EQU ATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

Eq. 6.1.3.4-a

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

I. -180 ";;;0[";;;180

2. Does not account for effects of airfoil thickness,
control-surface gaps, control nose balance, and
TE angle

3. Low speeds

4. Linear hinge-moment range

w SUBSONIC

4.1.3.2

.1.c, (Z) [(C/o )eL
] K

bc, (C/o >c. , ~-- -- ~6.1.1.1 4.1.1.2 6.1.4.1 6.1.4.1f----[---2c; - -] -
A +- S

t n wf

.1.CL =~ At + 2 + 0.604(C;)1/2 + 0.876 C; Sw

6. n.l

--

Eq.6.1.4.I-a .1.c, (depends upon type of flap)

CL•
I. Mechanical flaps
2. Straight-tapered wings

-- -- -- -- -- -- -- ----
Eq. 6.1.4.I-b I. Jet flap IBF configuration

2. Small angles of attack
3. Linearized thin-airfoil theory
4. No trailing-edge separation
5. No augmentor-wing concept
6. Not valid for low values of C

J

-- -- -1-- -- -- -- -- -- -- -- -- --
6.1.4.1

[

1fA,+2C; ] C Sw[

1fA, +~~./ 2.01 C; 57.3 Sw

6.1.1.1

Eq. 6.1.4.I-c I.
2.
3.
4.
5.
6.

Jet flap EBF configuration
Small angles of attack
Linearized thin-airfoil theory
N,o trailing-edge separa tion
No augmentor-wing concept
Not valid for low values of C

J

I- 54

TRANSONIC

6.1.4.1 6.2.1.1

Eq.6.1.4.1-e CL
o M = 0.6

I. Straight-tapered wings

C,
o M =0.6

2. Plain trailing-edge flaps
3. {3A ;;. 2
4. A~ < 600

5. No beveled trailing edges
6. No compressibility effects

C,
o

7. Symmetric airfoils of conventional thickness
distribution

8. " = 0



DERIVATIVE

CL•

(Contd.)

CON FIG.

W
(Contd.)

SPEED
REGIME

SUPERSONIC

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

C2
)C

l
</JTE C~.

--- --6.1.4.1 6.1.4.1

Eq. 6.1.4.I-f I.

2.

3.

4.

5.

6.

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

Leading and trailing edges of the control surface
are swept ahead of Mach lines from lhe deflected
controls
Control root and tip chords are parallel to the
plane of symmetry
Controls are located either at the wing tip or far
enough inboard so that the outermost Mach hnes
from the deflected controls do not cross the
wing tip
Innermost Mach lines from deflected can trois do
not cross the wing root chord
Wing planform has leading edges swept ahead of
Mach lines and has streamwise tips
Controls are not influenced by tip conical flow from
the opposite wing panel or by the interaction of
the wing-root Mach cone with the wing tip

7. Symmetric, straight-sided flaps

w SUBSONIC
= (CLJ.=o

4.1.3.2

(same as for unflapped wings)
Nontranslating leading- and trailing-edge flaps
No separated flow on wings and flaps

3. No curved planforms
4. M .. 0.80, t/c" O.l,jf cranked planform with round LE

--- -- -- -------- -- ---- ---- -- -- --- -- ---- -- -- -- -- -- -- -----

+(CL.) '=0

~

4.1.3.2

Eq. 6.1.4.2-a Translating leading- and trailing-edge flaps
No separated flow on wings and flaps

3. No curved planforms
4. M .. 0.80, t/c" O.I,if cranked planform with round LE

------------ ------- -_. ------- --- - - - -'-

= (CL .).

~

6.1.4.2

6.1.4.1
~

{[
,] } CI(COS 5jeff - I)

~(At: CI~ - I ~+ 1.0 + 57.3

6.1.4.2 6.1.4.1

Eq. 6.1A.2-b I.
2.

(CL .),

3.
4.
5.

Jet flaps
A;;' 5

No separated flow on wings and flaps
No curved planforms
M .. 0.80, t/c .. 0.1, if cranked planform with
round LE
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METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DER[VATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOC[ATED WITH

EQUATION COMPONENTS

w SUBSONIC = .6cQ
max

6.1.1.3

Eq. 6.1.4.3-a I. Mechanica[ trailing-edge flaps

-- -- ---1----- -- -- -------

----------- ------_.-

'--- - - -- -- -- -- -- -- ---- -- ----
(

cr/c ) (bslat )2
.::lCLmax = 1.28 0.[8 ~ cos

2
AC/4

----
Figure 6. [.4.3- J2

Eq. 6.1.4.3-b I. Slats (first-order approximation)

I. First-order approximation for EBF configuration

1------ -- -- -- -_______ __ _

---_. -

Straight-tapered wings
Plain trailing-edge flaps with sealed gap
No beveled trailing edges
~A ;;;. 2
A~ < 600

Symmetric airfoils with conventional thickness
distribution
No compressibility effects

" = 0

Linear aerodynamic control characteristic region

Mechanicalleading-edge devices
Constant f1ap-ehord-to-wing-ehord ratio
Thin-airfoil theory

-- ------
Linear-lift range
Stlbcritical Mach numbers

I.

8.
9.

2.
3.
4.
5.
6.
7.

-- -- -- -- -- -- -- --- ---I

---- ---------
I. Jet flaps (first approximation for multislotted flaps)
2. Linearized thin-airfoil theory
3. No trailing-edge separation
4. No augmentor-wing concept
5. Not valid for [ow values of C"

1.
2.
3.

3.

I. Linear-lift range
2. A

C
/ 4 < 45 0

.::lCL (depends upon type of flap)

3. Mechanica[ flaps
4. Straight-tapered wings

I. Linear aerodynamic control characteristic region
CQ (depends upon type of flap)

A

x/c

Eq. 6.1.5.I-w

Eq.6.1.5.I-a

Eq.6.1.5.I-u

Eq. 6.1.5.[-k

test
data

- C ] .c.~k}
"k c-- -.-

6.1.5.1 6.1.5.1

[(;Y -1}+075 2CW·:C)}.::l~
Eq.6.1.5.[-£

6.1.5.1 6.1.5.1--- ---"L SK--
57.3 Sw

6.1.5.1
-.- --
6.1.5.1

6.1.5.1

(;)

6.1.2.1

= -C
L.-6.1.4.1

-- -- -- ---- --
6.1.4.1--- .::lz p

{[C•
.c.Cm = Cm + ~t C) - + Lm c
~ ~ ~

k=!
~

6.1 .5.1 6. [.4.3 6.1.5.1 6.1.5.1

.::lCmf = .::lCm + KA (~) .::lCL tan AC/ 4
'-v-' '-v-' I.5 '-v-'

6.1.5.16.1.5.1 6.1.4.1

.::lC = fl.O
m r

o

L- _

c; } Sw f or +IC
m

• Sw-- --6.1. I.J ~~St~

SUBSONIC

TRANSONIC C
m •

w

w
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METHODS SUMMARY

SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH
DERIVATIVE CONFIG. REGIME iDatcom section for components indicatedl EQUATION COMPONENTS

br
c br S xr SrI 'f I f

Eq.6.1.5.I-qC W SUPERSONIC C = K1 - - - C' - K2 - - C' - K3 - - C' I. Linear aerodynamic con trol characteristic regionm, 01, 3 f Sw nI, 2 f Sw " c SW L,
2. Symmetric straight-sided controls

(Conld) (Contd.) -.- -.- -.- -.- -.- -.-
3. Leading and trailing edges of the control surface are6.1.5.1 61.5. I 6.1.5.1 6.2.1.1 6.1.5.1 6.1.4.1

swept ahead of Mach lines from the deflected
controls.

4. Control root and tip chords are parallel to the
plane of symmetry

5. Controls are located either at the wing tip or far
enough inboard so that outermost Mach lines from
the deflected controls do not cross the wing tip

6. Innermost Mach lines from deflected controls do
not cross the wing root chord

7. Wing plan form has leading edges swept ahead of
Mach lines and has streamwise tips

8. Can troIs are not influenced by tip conical flow
from the opposite wing. panel or by the interaction
of the wing-root Mach cone with the wing tip.

C'
I.

9. Plain t13iling-edge flaps
10. Thin wings

Ch W SUBSONIC
A cos II.c/4

(cho ) + Ll.Ch Eq.6.1.6.I-a I. High aspect ratios (A > 3)Ch =
0

0 A + 2 cos II.c/4 balance 0 2. Ends of control surfaces parallel to plane of
~

symmetry6.1.3.1 6.1.6.1
3. Neglects subcritical Mach-number effects
4. Sealed, plain trailing-edge controls

ch
0

5. No separated flow
6. Low speeds

TRANSONIC (No method)

(ChJt/c = (I
C2

<7>TE) (ChJtlc = 0 Eq.6.1.6.I-b I. Symmetric. straight-sided controlsSUPERSONIC -, C1 2. Con:wl root and tip chords are parallel to the-.-
6.1.6.1 plane of symmetry6.1.6.1

3. Wing planform has leading edges swept ahead of
Mach lines and has streamwise tips

4. Controls are not influenced by tip conical flow
from the opposite wing panel or by interaction of
the wing-root Mach cone with the wing tip.
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DERIVATIVE CON FIG.
SPEED

REGIME

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Oatcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

6.16.1

ChQ

(Contd)

W
(Contd.)

SUPERSONIC
(Contd.)

6.1.6.1
--- 't I

""-'3C-
1

(-'-1+--""'k

2

_):-::--~L-E---A
H
-
L

) 12 [I + 2 Ch)l~[I-e)'fi}
6.1.6.1

(ChJt/c = 0.
6.1.6.1

Eq.6.1.6.I-b
with different
correction factor

1.
2.

Symmetric biconvex airfoil
Other limitations identical to Items 2
immediately above

through 4

w SUBSONIC = cos A
C

/ 4 cos AH L

\ J--.-
6.1~3.2 6.1.1.1

•
6.1.3.1

2 cos Ac/4 ]
+ ~C

A + 2 cos A
C

/ 4 h,

6.1.6.2

Eq. 6.1.6.2-a 1.
2.

3.

4.
ch ,

5.
6.

High aspect ratios (A > 3)
Ends of control surfaces parallel to plane of
symmetry
Neglects subcritical Mach-number effects

Sealed, plain trailing-edge flaps

No separated flow
Low speeds

TRANSONIC (No method)

SUPERSONIC Ch, = ~ (I _C2 t/>TE) ~
~ C\--6.1.6.2

C'
h,-6.1.6.2

Eq. 6.1.6.2-b

-- ---I-

1
2.

3.

4.

5.

6.

7.

Symmetric, straight-sided controls
Leading and trailing edges of the control surface
are swept ahead of Mach lines from the deflected
controls
Control root and tip chords are parallel to the
plane of symmetry
Controls are located either at the wing tip or far
enough inboard so that outermost Mach lines from
deflected controls do not cross the wing tip
Innermost Mach lines from deflected controls do
not cross the wing root chord
The wing plan form has leading edges swept ahead
of Mach lines and has streamwise tips
Controls are not influenced by tip conical flow
from the opposite wing panel or by interaction of
the wing-root Mach cone with the wing tip

------- ------~-
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Eq. 6.1 .6.2-b
with different
correction factor

1 Symmetric biconvex airfoil
2. Other limitations identical to Items 2 through 7

immediately above



METHODS SUMMARY

DERIVATIVE CONFIG.
SPEED

REGIME
EQUATIONS FOR DERIVATIVE ESTIMATION

(Datcom section for components indicated)
METHOD LIMITATIONS ASSOCIATED WITH

EQUATION COMPONENTS

w SUBSONIC

~ ~ ~

6.1.7 6.1.7 6.1.7

k

-2: (I - 8vn ) Bkn Gn }

0==1
~ ~ ~

6.J.7i6.1.7 6.1. 7

I. No separated flow over control surface
2. Induced drag due to control deflection

Gk , G ,G (depends upon type of flap)n v

y= 1
~ ~ ~

6.1.7 6.1.7 6.1.7

k

-2:
n=1

(1--8 )Bvn vo

~~ ~

6.1.7 6. I.7 6.1.7

sin </Jv1 Eq. 6.1.7-c

r---

AC : AC
d

f( + K'
.D min f"'~-- ~ ~

6.1.76.1.4.1 6.1.7

6.1.4.1---(ACLry

1rA Eq. 6.1.7-p I. No separated flow over control surface
2. Profile drag due to control deflection

AC
L

(depends upon type of flap)
f

TRANSONIC (No method)

SUPERSONIC 'C,.,•• [\:::~.,..] (C,.,.)••,
6.i.7 4.1.5.1

Eq. 6.1.7-{j

w SUBSONIC C1•
6.1.1.1

C'
I •--6.2.1.1

Eq. 6.2.1.1-b I.
2.
3.

4.
5.

Plain trailing-edge flaps
I3A ;;;. 2
A~ < 60°

M';;; 0.6
No separated flow

6. No beveled trailing edges
7. No compressibility effects

-- -- -- -- -- --- --- --- - -- --- --- --- -- -- -- - - -- -- --- -- -- ---- -- --

- -- -- -- -- -- --- --- --- --- --- --- --- ---

Plug or flap-type spoilers
No separated flow

I.
2

Other limitations iden tical to Items I through 4
immediately above

-- -- -- --- -- -- -- -- ---

Eq. 6.2,1.1-ct:J.cis

C'
1 •

2--' --6.2.1.1 6.1.1.1

C :
1

(C1) s.poiler-slot-deflector K

6.2.1.1

~CI)Plain spoiler.

6.2.1.1

Eq. 6.2.1.I-f
I. Spoiler-slot-deflector
2. I3A;;;' 2
3. A~ < 60°

4. M';;; 0.6
5, No separated flow

(C/)plain spoiler
6. Plain flap-type spoiler
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METHODS SUMMARY

CONFIG.
SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH

DERIVATIVE REGIME (Datcom section for components indicated,) EQUATION COMPONENTS

CL (C')M=0.6 (depends upon type of control)Q
Eq. 6.2.1.I-g

C'6 W TRANSONIC C, = (C,)M=0.6 CL
(CLQ)M =06

Q
(Contd) (Contd.)

1. Symmetric airfoils of conventional thickness. .
6.2.1.1 4.1 :3.2 distribution

2. A '" 3 if composite wiM
3. 01=0

(CLQ)M =0.6
4. No curved planform
5. tIc'" 0.10, if cranked planform with round LE

6.2.1.1

(I _ C2 Sf [:~ 7] 1. Plain trailing-edge flaps

~TE) C'
I

+ C:~) C~66 Eq. 6.2.1.1-11 2. Leading (hinge line) and trailing edges of controlSUPERSONIC C, = - -
6 C1

L6 SW 2 surfaces are supersonic (swept ahead of Mach lines)
~ -- ----- 3. Control surfaces are located at wing tip or far

6.2.1.1 6.1.4.1 6.1.4.1 enough inboard to prevent outermost Mach lines
from control surfaces from crossing wing tip

4. Innermost Mach lines from deflected control
surfaces do not cross root chord

5. Root and tip chords of control surfaces are
streamwise

6. Controls are not influenced by tip conical flow
from opposite wing panel or by interaction of
wing-root Mach cone with the wing tip

C/6
7. Thin wings

C·L6
8. Symmetric, straight-sided controls

1---- -- -- -- -- -- -- -- -- -- -- -- -- -- -- -- ----------- ---- ---
Figure 6.2.1.1-30 1. Plug or flap-type spoilers

1\( rrAw
iVB(H) Crr01

f
vr)(bH

r
/2) ]~ CH)

- S
SUBSONIC ae)

YH H.
1. Differentially deflected horizontal stabilizerC, = 2' I - 57.3 - + (CL ) Eq. 6.2.1.2-a

6 a01 bw S" QH • 2. Horizontal tail mounted On body•~

~-- -- -- 3. No separated flow on horizontal tail4.4.1 4.3.1.3 4.3.1.3 6.2.1.2 4.1.3.2
ae-
a01

4. Straight-tapered wing
a€'

5. Other limitations depend upon - prediclion
method a01

(CLQJ.

6. No curved planforms
7. M '" 0.8, tIc'" 0.10, if cranked planform with

round LE
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DERIVATIVE

CiS

(Contd.)

CONFIG.

T
(Contd.)

SPEED
REGIME

TRANSONIC (Same as subsonic equation)

METHODS SUMMARY

EQUATIONS FOR DERIVATIVE ESTIMATION
(Datcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

1. Differentially deflected horizontal stabilizer
2. M < 1.0
3. Body-mounted horizontal tail
4. No separated flow on horizontal tail

- -- -- -- -- -- -- -- -_. -
I. M> 1.0

(Same limitations as for M < 1.0 above except
those of ae/aOl)

~------ ._.- --- - - - -----------
(Same as supersonic equation)

5.
6.

8.
9.

Straight-tapered wing
Proportional to CL

~

Symmetric airfoils of conventional thickness
distribution
A ",; 3 if composite wing
01=0

SUPERSONIC CI, = 0.35 [ivO(H) (21T; vr)(bH'p) + (~H(O) T kO(H») J (CN~H).
--..-- ~ . ~

4.3.1.3 4.3.1.3 4.3.1.2 4.1.3.2

I.
Eq. 6.2.I.2-c 2.

3.

(CN~H)e
4.
5.
6.
7.

Differentially deflected horizontal stabilizer
Body-mounted horizontal tail
No separated flow on horizontal tail

Breaks in LE and TE at same spanwise station
M ;;;. 1.4 for straight-tapered planforms
1.2 ",; M ",; 3 for double-delta planforms
1.0 0;;; M 0;;; 3 for curved planforms

Cn w SUBSONIC C
n

=

6.2.2.1

Eq. 6.2.2.I-a

C,
6

I.
2.
3.

Aileron-type controls
No separated flow
Neglects contributions due to profile drag

-_. -- -- -- -- ---- -

4. {3A ;;;. 2
5. A~ < 600

6. No beveled TE
7. No compressibility effect
8. M"'; 0.6

--------- -- ---_.-
Figures 6.2.2.1-10, 6.2.2.1-11

Eq. 6.2.2.1·b

------
(Cn ) spoiler-slot-deflectoI = K

6.2.2.1

(Cn )Plain .poiler,

6.2.2.1

I. Plug and flap-type spoilers
2. 0.02"'; 6./c"'; 0.10
3. 01 = 0-- -10-- -- -- -- -- __ __ __ _ _

1. Spoiler-slot-deflector
2. 01 = 0

3. 6,16 d = 1.0

(Cn ) plain .poil..

4. Plain, flap-type spoiler
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DERIVATIVE

Cn
(Contd.)

CONFIG.

W
(Contd.)

SPEED
REGIME

6.2.2.1

(CL.)M =0.6

4.1.3.2

METHODS SUMMARY

EQUATIONS FOR DERIVATiVE ESTIMATION
(Datcom section for components indicated)

METHOD LIMITATIONS ASSOCIATED WITH
EQUATION COMPONENTS

(Cn)M =0.6

Eq. 6.2.2.1-{; 1. Aileron-type controls
2. {JA;;;' 2
3. A~ < 60"

4. No beveled TE
5. No separated flow
6 No compressibility effects
7. Neglects contributions due to profile drag

(CL.)M =06

8. Straight-tapered wings

9. Symmetric airfoils of conventional thickness
distribution

10. '" = 0
I-------+---------------------------~------+---------------------

Cn
6

1-62
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SUPERSONIC Figure 6.2.2.1-13

---- -- -- -- --- --- -- -- --- -- -- --- -- -- --- --
Ftgure 6.2.2.1-14

ALL SPEEDS (No method)

I. Aileron-type controls
2. Neglects contributions due to profile drag

f---- -- -- -- -- -- - ----

I. Plug and flap-type spoilers



Revised ApriJ 1976

2.1 GENERAL NOTATION

A complete summary and definition of all notation used in the Datcom is given in this section. The
summary is divided into upper and lower case English, upper and lower case Greek, derivatives, and
abbreviations. In all cases a general alphabetical listing is used. Throughout the Datcom units are in
pounds, feet, seconds, and degrees unless otherwise specified.

A. ENGLISH SYMBOLS

SYMBOL

A

A', A"

(A)y

(A)y(B)

DEFINITION

b2
aspect ratio of surface, based on total planform, S

aspect ratios of forward and aft surfaces, respectively

A(-C')1/3transonic aspect-ratio similarity parameter,

de
duct aspect ratio, 

c

b 2
H

aspect ratio of auxiliary horizontal surface, aft tail or canard, 
SH

aspect ratio of exposed horizontal tail

effective aspect ratio of horizontal stabilizer

inlet duct area for jet engine

aspect ratio of exposed lower vertical panel

geometric aspect ratio of isolated vertical panel, with span and area of panel measured
to body center line

aspect ratio of exposed upper vertical panel

aspect ratio of vertical panel in presence of body

SECTIONS

Several

4.5.1.1
7.4.1.1
7.4.4.1

4.1.4.2

9.3
9.3.1
9.3.2
9.3.3

Several

6.2.1.2

4.5.3.2

4.6
4.6.1
4.6.3

Several

Several

Several

Several

2. I-I



SYMBOL DEFINITION

vertical-panel aspect ratio in presence of horizontal tail and body

aspect ralio of wing

upect ratio of the basic wing

SECTIONS

Several

Several

Several

aspect ratio of ex.posed (panels joined together) surface,
b 2,
S .

e
Several

A' A"" ,

A~ff

A'
o

As

a

aspect ratios of forward and aft exposed surfaces, respectively

1. effective aspect ratio of surface as determined by tip flow separation

2. effective aspect ratio of the vertical panel

effective aspect ratio of forward surface as determined by tip flow separation

aspect ratio of exposed inboard panels of wing

b 2
f

aspect ratio of flap or control surface, -
Sf

aspect ratio of glove of a double-delta or a cranked wing

bi
I. aspect ratio of that portion of main surface immersed in propeller slipstream,

c j

2. aspect ratio of planform formed by the two int ·rd panels of wing

aspect ratio of planform formed by the two outboard panels of wing

aspect ratio of planform formed by the two constructed outboard panels of wing

aspect ratio of a particular spanwise wing section

1. aspect ratio of wing based on total wing area, including nap extension

2. aspect ratio of total wing based on extended wing chord, using the particular
section value for the chord

aspect ratio of constructed panels of non-straight-tapered wings

1. difference in lift-curve slope, or (CL at Mtb ) - (CL at- Ma )
• •

4.4.1
4.5.1.1
4.5.1.2
7.4.1.1

4.4.1
5.3.1.1
5.6.1.1

Several

4.5.1.1

4.3.2.2

6.1.6.1
6.1.6.2
6.2.1.1

4.1.3.2
5.1.2.1

4.6
4.6.1

Several

4.1.5.1
4.1.5.2

4.1.4.2
4.3.2.2
5.1.2.1

6.1.5.1

6,1.4.1
6.1.4.2

6.1.5.1

4.1.3.2

4.1.3.2

2.1-2

2. 6.1.6.1



SYMBOL

h' b"
e' e

b'f

b'o

b,

bslat

DEFINITION

total !pan of exposed surface

total spans of exposed forward and aft surfaces, respectively

total span of exposed inboard panels of wing

effective surface span

effective forward-surface span

total span of flaps or control surfaces, measured normal to the plane of symmetry

effective span for increment in load due to flaps

span of glove of double-delta and cranked wings

I. span of planfonn formed by .two inboud panels

2. total span of a given portion of main surface immersed in propeller slipstream,

2 JR/ - (zs + Zw)2

parameter in span-Ioadina calculation

minor semiaxis of body cross section

span of planfonn formed by joining two outboard panels of wing

span of planform formed by joining two constructed outboard panels of wing

propeller blade width at any propeller span station

span of spoiler, on one wing panel

total span of slats

span of the wing-tip vortices at a given longitudinal station behind a lifting surface

SECTIONS

Several

7.4.1.1

4.3.2.2
4.3.3.1

4.7
4.7.1
4.4.[

4.5.1.1
7.4.1.1

Several

4,7
4,7,1

4.1.3,2
5,1.2,[

2,2,2
4,1.4,2
4,1.5,1
5,1.2,[

4,6
4,6,1
4,6,3

6,\.7

4,2,3,1

Several

4.1.4,2
4,3,2,2
5,1.2.1

4,6
4,6,1

6,2,1.1
6,2,2,1

6.1.4,3

4.4,1
4,5,1.1
7,4.4, [

2.1-5



SYMBOL

b' bl!
v' V

b
Vru

DEFINITION

vortex spans at the forward and aft surfaces, respectively

parameter in span·loading calculation

parameter in span-loading calculation

span of completely rolled up wing-tip vortices (at distances far downstream from
lifting surface)

span of constructed panels of non~straight·taperedwings

vertical span of a given region as defmed in Sketch (b) in Section 5.3.1.1

SECTIONS

Several

6.1.7

6.1.7

4.4.1
7.4.4.1

4.1.3.2

5.3.1.1
5.3.1.2

b'
.25, .50, ...

bw
b/(2Q), 2Q

r
propeller blade chord at R

wing slenderness parameter

0.25,0.50, ... 9.1
9.1.1
9.1.3

Several

c 1. thickness correction facto! for supersonic wing lift

2. roll-moment-of-inertia correction factor for solid component

leading~dgeeffect of basic wing on normal-force-curve .slope

leading-edge effect of glove on normal-force-curve slope

wing parameters measured to plane of symmetry (see Figure 8.1-22)

4.1.3.3
4.1.3.4

8.2

4.1.3.2

4.1.3.2
4.1.3.4

8.1

Co ' Cl' ... C18 regression coefficients as a function of Mach number

1. emp; ical taper-ratio constants

2. empirical constants that detennine propeller downwash gradients

3. Mach-number functions that detennine thickness correction factors to supersonic
flat-plate aerodynamic derivatives,

2

4.3.2.1

Several

4.6
4.6.1
4.6.4

Several

c •
1

4 2(,+ liM -4(M -1)

2 (M 2 _ 1)2

1. taper-ratio correction factor for wing aerodynamic center

2. maximum lift-eorrection factor at transonic speeds

2.1-6

4.1.4.3

4.1.3.4



SYMBOL.

e

e'

-, -Ite, e

•eLE

eve

Carea not
immersed

DEFINITION

I. transonic wing lift-curve slope at Mfb

2. chord of airfoil section

3. duct chord

4. nozzle discharge coeffiCient

1. effective chord of airfoil with deflected extensible-type flap
(see Figures 6.1.1.1-44, -45, -46, -48, -51, and 6.1.5.1-6'()

2. airfoil chord measured perpendicular to the wing quarter-ehord line

wing mean aerodynamic chord

mean aerodynamic chord of the wing segment affected by the leading-edge device
(see Sketch (h). Section 6.1.5.1)

mean aerodynamic chords of forward and aft surfaces, respectively

chord at break span station

mean aerodynamic chord of auxiliary horizontal surface, aft tailor canard

mean aerodynamic chord of exposed horizontal-tail panel

airfoil chord with only leading-edge device extended

vertical tail chord at the distance zH above body center line (see Figure 5.3.1.1-22b)

mean aerodynamic chord of exposed vertical·tail panel

mean aerodynamic chord of exposed wing

hypothetical aUfoil chord including trailing-edge flap extension and subtracting
leading-edge flap extension

extended wing chord due to complete forward-nap extension
(see Figures 6.1.1.1-45, -46)

mean aerodynamic chord of the wing area not immersed in the slipstream

average chord of airfoil

balance chord of a control or flap surface

balance chord of control or flap surface measured perpendicular to the wing
quarter-chord line

SECTIONS

4.1.3.2

Several

9.3
9.3.1
9.3.2
9.3.3

6.3.2

Several

6.16.1
6.1".2

Several

6.1.5.1

Several

2.2.2
4.1.3.2
4.1.3.3

4.4.1
4.6
4.6.1
7.4.2.2

4.5.3.1

6.1.2.1
6.1.5.1

Several

4.5.3.1

4.5.3.1

6.1.2.1
6.1.5.1

6.1.1.1

4.6
4.6.3

6.1.5.1

6.1.3.1
6.1.3.2
6.1.6.1
6.1.6.2

6.1.6.1

2.1-7



SYMBOL

'1"

Cc.p.

Cr.
I

C.
'H

C
Pe

Cr

2.1-8

DEFINITION

chord of tab balance

chord of basic wing

mean aerodynamic chord of a particular control surface

wing chord at spanwise center-oC-pressure location

1. mean aerodynamic chord of exposed panel

2. mean aerod.ynamic chord of elevator

mean aerodynamic chords of exposed forward and aft surfaces, respectively

flap or control chord measured parallel to plane of symmetry

flap or control chord measured perpendicular to the wing quarter-chord line

mean flap chord

chord of a particular segment of a flap of n segments

incompressible turbulent flat-plate skin·friction coefficient

chord of the leading~dgeflap

root chord of flap or control surface measured parallel to plane of symmetry

tip chord of flap or control surface measured parallel to plane of symmetry

effective chords of combined flap segments as dermed by the principle of
superposition, shown in Sketch (g), Section 6.1.2.1

chord of leading~dgeflap perpendicular to leading edge of airfoil

average chord of that portion of wing immersed in propeller slipstream

mean aerodynamic chord of inboard panel of wing

mean aerodynamic chords of exposed inboard and outboard panels, respectively. of wing

mean aerodynamic chord of that portion of auxiliary surface immersed in
propeller slipstream .

mean aerodynamic chord of outboard panel of wing

mean aerodynamic chord of exposed tail panel

surface root chord

SECTIONS

6.1.3.1
6.1.3.2
6.1.3.3
6.1.3.4

4.1.5.1
4.3.3.1

6.3.4

6.1.5.1

Several

6.3.4

7.4.1.1
7.4.1.2
7.4.4.1
7.4.4.2

Several

6.1.6.1

6.1.7

6.1.2.1
6.1.5.1

4.2.3.1

6.1.2.1
6.1.5.1

6.1.6.1

6.1.6.1

6.1.2.1

6.1.5.1

4.6
4.6.1
4.6.3

4.1.5.1
4.1.5.2

4.3.3.1

4.6.3

4.1.5.1
4.1.5.2
4.3.3.1

4.5.3.1

Several



SYMBOL

C
'bw

c,•

C,
f

c
'g

C
'H

C,.
t

c
'0

c C
r l' [2

c,

DEFINITION

root chords of forward and aft surfaces, respectively

root chord or basic triangular wing (see Sketch (a), Section 7.1.1.1)

root chord of basic w'lII of double-delta and crankl':d wings

roo: chord of trailing edge extension of double-delta and cranked wings

root chord of exposed surface

root cho!ds of exposed forward and aft surfaces. respectively

root chord of exposed horizontal surface

root chord of exposed inboard panels of wing

root chord of control surface

root chord of glove of double-delta and cranked wings

root chord at horizontal stabilizer

root chord of inboard panel of wing

root chord of inboard panel (exposed) of wing

root chord of outboard panel of wing

root chord of constructed outboard panel of wing

root chord of vertical stabilizer (at fuselage)

root chord of wing

root chords of constructed panel of non-straightwtapered wings

chord of spoiler

1. tip chord of surface

2. chord of tab, aft of hinge line

mean aerodynamic chord of control tab

tip chord of exposed inboard panels of wing

SECTIONS

4.5.2.1
7.4.1.1

5.1.3.1
7.1.1.1
7.1.4.2

4.\.5.1
4.3.3.1
5.1.2.1

4.1.3.2

Several

4.5.1.2
7.4.1.1

5.3.1.2

4.3.2.2

6.1.5.1

4.1.3.2
5.1.2.1

8.1

4.1.4.2
4.\.5.1
4.3.2.2

4.3.3.1

4.1.4.2
4.1.5.1
4.3.3.1

4.1.4.2
4.3.2.2

8.1

Several

4.1.3.2

6.2.1.1
6.2.2.1

Several

6.1.3.1
6.1.3.2
6.1.3.3
6.1.3.4

6.3.4

4.3.2.2

2.1-9



SYMBOL

(c') •. ' (c').
I 0

(c!4)v

(c/2)y
e

D

D'

D'
I

d

2.1-10

DEFINITION

tip chord of horizontal stabilizer

tip chord of inboard panel of wing

tip chord of au tboard panel of wing

tip chord of vertical stabilizer

tip chord of wing

extended wing chord due to deflection of leading-edge and trailing-edge flaps
(see Sketch (f), Section 6.1.2.1)

effective chords of airfoil with deflected extensible-type flap, at the inboard and
outOO,. edge, respectively. of the flap

chords of forward and aft flaps, respectively, of a double-slotted flap

intersecting flap chord segments that approximate the mean-eamber-line
distribution of the flap components (see Sketch (e), Section 6.1.2.1)

terms analogous to section lift coefficient s used in calculating section pitching
moments

terms analogous to section lift coefficients for the first, second, and i th trailing
edge flap segments, respectively

flap chord of the forward-flap segment; i.e., for a broken trailing edge the forward
flap segment is extended to form a complete airfoil (see Figure 6.1.1.i-46)

the quarter-ehord point of the MAC of the vertical panel extending to body center line

So-percent·chord point of the MAC of exposed vertical panel

the quarter-ehord point of the MAC of the total wing

1. total drag

2. empirical factor used in calculating wing lift at high angles of attack

3. diameter of a hemisphere

4. propeller diameter

S. drag force

base diameter of spherical-segment shell

body diameter

nozzle~x.it diameter

1. maximum fuselage diameter

2.

SECTIONS
8.1

4.1.4.2
4.3.3.1

4.1.4.2
4.3.2.2

8.1

4.1.3.2
5.1.2.1

6.1.2.1
6.1.5.1

6.1.5.1

6.1.1.1

6.1.2.1
6.1.5.1

6.1.2.1
6.1.5.1

6.1.2.1
6.1.5.1

6.1.1.1

Several

5.3.2.1
5.3.3.1

Several

2.1
4.7

4.1.3.3

8.2

Several

4.1.3

8.2

4.6.4

4.6.4

Several

6.1.6.1



SYMBOL

d', d"

deqUiV

(deqUiv) av

DEFINITION

3. average maximum diameter of fuselage

4. outside diameter of a hollow cylindrical element

S. equivalent-cylinder diameter for a hemisphere

6. base diameter of a spherical nose segment or given frustum

7. average body diameter at the exposed wing root

8. maximum diameter of forebody or afterbody

9. 2/3 root chord of basic triangular wing

10. maximum body height at wing-body intersection

body diameters at the midchord points of the MAC of the forward and aft
surfaces, respectively

duct center-body diameter at exit plane

average fuselage width in region of horizontal tail

diameter of leading edge

diameter at forward end of missile component

1. base diameter of body

2. diameter at aft end of missile component

3. base diameter of jet nozzle

equivalent base diameter of a non-body-of-revolution configuration

diameter of cylinder

1. average maximum diameter of engine

2. exit diameter of duct or nozzle

equivalent diameter of a non-body-of-revolution confIgUration

average equivalent diameter of non-body~f-revolutionconfIgUration

diameter of nozzle exit

maximum diameter of body

SECTIONS

8.1

8.2

8.2

4.2.2.1
4.2.3.1
7.2.1.1
1.2.1.2

Several

4.2.3.1

7.1.1.1
7.1.1.2
7.1.4.2

5.2.1.1

4.4.1
4.5.1.1
4.5.1.2
7.4.1.1

9.3
9.3.1
9.3.2
9.3.3

6.2.1.2

6.3.1
6.3.2

8.2

Several

8.2

4.6.4

4.2.3.1

4.2.1.2
4.2.2.1

8.1

Several

4.2.1.2
4.2.3.1
5.2.2.1

4.6.4

4.3.3.1
4.5.3.1

2.1-11



SYMBOL

d,

d 1,d2'd3

d

b

E

E"C!lC)

e

e*

F

2.1-12

DEFINITION

base diameter of one of n segments of a body

I. base diameter of a spherically blunted body nose

2. theoretical effect of blowing on lift deriva tive

diameter of dueted propeller

diameter of sphere for spherically blunted body noses

width of nozzle throat

inside diameter of a hollow cylindrical element

upstream pressure interaction length

downstream interaction length

distance from reference line to point of intersection of two lines tangent to pressure
curve (see Sketch (d), Page 6.3.1-9)

diameter at aft end of given body segment

ratio of maximum body width to wing span

empirical constant used in calculating wing lift at high angles of attack

elliptical integral factors of the stability derivative

1. Oswald (span) efficiency factor for induced drag

2. value of error

induced span efficiency factor Onviscid)

Oswald (span) efficiency factor for induced drag of horizontal stabilizer

I. general force

2. resultant force

1. control force

2. control·column force (pull force positive)

vacuum thrust

rudder-pedal force (push on left pedal positive)

elevator stick force (pull force positive)

I. propeller-wing combination negative-drag force

2. duct negative-drag force

SECTIONS

4.2.3.1

4.2.3.1

6.1.4.1

9.3
9.3.1

Several

6.3.2

8.2

6.3.1

6.3.1

6.3.1

Several

4.3.2.1

4.1.3.3
4.1.3.4
Seve:ral

Several

Several

4.1.5.2

4.5.3.2

4.1.3
8.1

4.7
9.2

6.3.2

6.3.4

6.3.2

6.3.4

6.3.4

9.2

9.3



SYMBOL

Fw(lYi.ol).

Fw(Yio )' Fw 0. .
F1(N), F2 (N),
FJ (N), F4 (N),
Fs(Nl, F6 (N),
F7 (N), Fg(N),

F9 (N), Fll (Nl

FIT

f

(f).qUiV

f r, (f)rOr.bOdy

G.
max

G

Ii

G
~

Ii

DEFINITION

functions used to determine w

F(N) factors of the stability derivative

thrust-recovery factor

1. fineness ratio of body

2. inflow factor of propeller

fineness ratio of body minus the nose

fineness ratio of cylindrical segment of body

I. fineness ratio of body nose

2. fineness ratio of body nose and forebody

fineness ratio of spherically blunted cone extended to cone apex

fineness ratio of boattail

equivalent fineness ratio (see Equation 4.3.2.1-<1)

fineness ratio of body forebody (see Sketch (a), Section 4.3.2.1)

fineness ratio of fuselage

fineness ratio of nose

main-eontrol-surface stick gearing

maximum control-surface stick gearing

maximum elevator stick gearing

span-loading coefficients at spanwise stations k, n, and v, respectively

control-tab stick gearing

elliptical integral factors of the stability derivative

subsonic spanwise loading coefficient

increment in spanwise loading coefficient

SECTIONS

4.4.1

Several

9.2
9.2.1
9.2.3

Several

4.6
4.6.1

Several

4.2.3.2

Several

4.3.2.2

4.2.3.1

4.2.2.1

4.3.2.2

4.3.2.2

4.3.3.1

4.3.2.2

6.3.4

6.3.4

6.3.4

6.1.7

6.3.4

1.1.1.1
7.1.1.2
1.1.4.1
7.1.4.2

6.1.5.1
6.1.7

6.1.5.1

2.1-13



SYMBOL DEFINITION

( ~ ). spanwise·loading coefficient at spanwise ,tation •

(G) (G) spanwise loading coefficient at inboard and outboard ends, respectively. of a flap
I) Oi' I) 00

SECTIONS

6.1.7

6.1.5.1

g

, "g,g

H

h

h,

2.1-14

tan ALE

~

distances parallel to the plane of symmetry from panel apex to the forward end of
the MAC of forward and aft panels, respectively

height of the quarter-ehord point of the MAC of the wing above the ground plane

hinge moment of main control surface

height of the quarter-chord point of the-MAC of the auxiliary horizontal surface
above the ground plane

hinge moment of control tab

1. average height of fuselage at the wing root chord

2. downward dlsplacement of trailing-vortex sheet from z = 0 plane (in this appli
cation z = 0 is chosen at the quarter-ehord, point of the MAC of the forward surface)

3. altitude

4. maximum height of sonic lincahove surface (effective jet heilht)

5. average height above the ground of the quarter-chord point of wing chord of
75-percent semispan and the three-quarter-ehord point of the wing root chord (see
sketch on Figure 4.7.1-14)

height of aft-surface MAC quarter-ehord point above or below the forward-surface root
chord, measured in plane of symmetry normal to extended~forward~surfaceroot chord,
positive for the aft-surface MAC above the plane of the root chord

height of the quarter-ehord point of the wing root chord above the ground

distance of deflector lip below surface of wing, perpendicular to wing chord plane

1. distance of spoiler lip above surface of wing, measured from and normal to the
airfoil mean line

2. maximum height of separated boundary layer above the surface

distance of wing vortex above horizontal tail at tail center of pressure, measured
normal to body axis

6.1.6.1

4.5.2.1

4.7
4.7.1
4.7.4

6.3.4

4.7
4.7.1

6.3.4

5.2.2.1
5.2.3.1
5.6.2.1
5.6.3.1

4.4.1
7.4.4.1

4.6
4.6.1

6.3.•

4.7
4.7.1

Several

4.7
4.7.1

6.2.1.1

6.1.1.1
6.2.1.1
6.2.2.1

6.3.2

4.4.1



SYMBOL

h

d

I

I
vB(H)

I
vB(W)

I I
vB(W')' vB(W")

I
vW'(W")

I 'I 'I 'xx I yy I zz

., ./1

1 , 1

DEFINITION

fuselage depths as defined in Figure 5.2.3.1-8

ratio of maximum canopy height measured from body centerline to body height at
the point of maximum canopy height

moment of inertia (see Figure 8.1-22)

moment of inertia about centroidal axis of section

pitching, rolling, and yawing moments of inertia, respectively, ab~ut the centroidal
axis of the body

jet vacuum specific impulse

vortex interference factor for a lifting surface mounted on the body center line

interference factor for effect of body vortex on horizontal panel

interference factors for effects of body vortex on fore and aft panels, respectively

interference factor for effect of forward panel vortex on 3ft panel

moments of inertia of the vehicle about x-x axis, y-y axis, and z-z axis, respectively

moments.of inertia of body component about x-x axis, y-y axis, and z-z axis,
respectively

pitching, roUing, and yawing moments of inertia, respectively, about a remote axis

a particular segment of a trailing~dge nap of n segments

angles of incidence of forward and aft surfaces, respectively

incidence of auxiliary horizontal surface, aft tail or canard, positive nose up

incidence of thrust axiS', positive nose up

incidence of main surface, positive nose up

total body vortices interference factor

body vortex interference factors

SECTIONS

5.2.3.1
5.6.3.1

4.3.2.1

8.1

8.1

8.1

6.3.2

6.2.1.2

4.3.1.3
4.3.1.4

4.5.1.2

4.4.1
4.5.1.1
4.5.1.2
7.4.1.1

8.2

8.2

8.1

6.1.2.1
6.1.5.1

4.5.1.2
4.6.1
7.4.1.1

4.6
4.6.1
4.6.3
4.7.1

4.6
4.6.1
4.6.4

Several

5.3.1.2
5.6.1.2

5.3.1.2
5.6.1.2

2.1-15



SYMBOL

J

J'

j

K

2.1-16

DEFINITION

1. empirical factor for estimating the lift of wings at high angles of attack

v_
2. dueted-propeller advance ratio,-

ndp

v_
3. propeller advance ratio,-

nD

4. jet momentum at the wing trailing edge, mj Vj

modified advance ratio, J cos 01

advance ratio at zero power

advance ratio at zero thrust

one section of a wing of n sections having constant swe::p angles within its
boundary

1. factor u:tCd to estimate tho) maximum lift increment of a surface due to
propeller power effects

2. ratio of roUing-moment coefficient of a spoileJ-slot~enector to tt.at of a
plain spoiler

3. parameter accounting for effective willi thickness

4. factor accounting for the' lift carry-over due to flap deflection on wing sections
adjacent to flaps at subsonic speeds

S. factor used to ~stimate the pitching effectiveness of trailing..edge flaps at
transonic speeds

6. ~ulface-element ptenure-eoefficient constant

7. apparcnt~maS'l factor

8. upstream amplification factor (control force normal to the surface nOlm;,l.iZed
with respect to vacuum thrust of sonic nozzle)

9. pitchins·moment-of·inertia correction factor for soli~ component

10. drq:-due-to-Iift factor

II. ratio of extended wing chord, inc.luding extensions (If both leadine
edse and trailins-edae flaps, to retracted wing chord, K =: cu/c

12. thcoretiClI correction factor for finitt aspect-ratio tffects on c£ ,as
defined in Equation 6.I.S.1-p 6 f

SECTIONS

4.1.3.3
4.5.1.2

9.3
9.3.1
9.3.2
9.3.3

9.1
9.1.1
9.1.3
9.2

6.1.1.1
6.1.4.1

9.1
9.1.1
9.1.3

9.1
9.1.3

9.1
9.1.1
9.1.3

4.1.3.2

4.6
4.6.2

6.2.1.1

4.7
4.7.1

6.1.5.1

6.1.5.1

4.2.1.2
4.2.2.2

Several

6.3.2

8.2

4.1.5.2

6.1.2.1

6.1.5.1



SYMBOL

K'

DEFINITION

13. constant factor for a given sharp·nosed airfoil section

14. empirical correlation factor corresponding to lift-interference factor KL

15. empirical correlation factor depending upon planform geometry

16. ratio of yawing-moment coefficient of spoi1er-slot-deflector to that of a plain
spoiler

17. dimensionless correction factor used to extrapolate the potential-flow values
to high lift coefficients

18. number of propellers

1. effective apparent-mass factor

2. flap-span factor

3. empirical correction factor to section lift lncrement for nonlinear effects at
high flap deflections

wing-aspect-ratio factor

ratio of the lift of the body in the presence of the wing to that of the wing alone

propeller drag factor

1. factol accounting for relative size of horizontal and vertical tails

1.. horizontal-tail-location factor

apparent-mass factor of the horizontal tail in the presence of the body

I. lift-interference factor for normal-force-eurve slope

2. pitch·moment-of-inertia correction factor for liquid mass

cClmpressibility correction to the dihedral effect used in estimating C'I3

compressibility correction to the sweep contribution used in estimating ct
13

compressibility conection to sweep contribution used in esti'llating CJ
13

for
constructed ,nboard and. ~utboard panels, respectively, of a composite wing

SECTIONS

4.1.5.1
4.3.3.1

4.1.3.2

6.2.2.1

6.2.2.1

1.1.2.1
1.1.2.3

9.2
9.2.1
9.2.3

Several

6.1.1

Several

4.4.1
6.2.1.2

Several

4.6
4.6.4

Several

4.4.1
6.2.1.2

Several

4.1.3.2
5.1.2.1

8.2

5.1.2.1
5.2.2.1
5.6.2.1

5.1.2.1
5.2.2.1
5.6.2.1

5.1.2.1
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SYMBOL

KN

K~, KW(B)"

KB(W/

2.1-18

DEfiNITION

1. ratio of body·nose lift to that of Wlng alone

2. propeller normal·force factor

3. correlation factor for pressure drag of ogive noses

4. empirical factor related to sideslip derivative Cn/1 for body and wing-body
interference

empirical Reynolds-number factor

apparent-mass factol of the upper vertical panel in the presence of the body

apparent-mass factor of the upper vertical panel in the presence of the body.
horizontal tail, and lower vertical panel

apparent-mass factor of the upper vertical panel in the presence of the body and
lower vertical panel

apparent-mass factor of the upper vertical panel in the presence of the body and wing

apparent-mass factor of the upper vertical panel in the presence of the body. wing,
and horiZontal tall

1. ratio of the lift of the wing in the presence of the body to that of the wing alone

2. apparent~mass factor of the wing in the presence of the body

ratio of the lift of the wing-body combination to that of the wing alone

appropriate wing·body interference factors for the forward surface

appropriate wing-body interference factors for the aft surface

factor used in estimating the lift effectiveness of flaps and control surfaces at
subsonic speeds

values of the span factor for outboard and inboard ends, respectively. of the
k th wing section

value of Kb due to a flap extending from the plane of symmetry to the inboard
and outboard span stations, respectively, of the actual flap

factor used in estimating the body contribution to wing-body c,(j

factor used to estimate the body contribution to wing-body Cy
~

empirical nonlinear pitching-moment factor

SECfIONS

4.3.1.2
4.3.1.3
4.3.1.4
4.5.1.2
4.6
4.6.1

4.2.3.1
4.3.3.1
4.5.3.1

5.2.3.1
5.6.3.1

5.2.3.1

Several

Several

Several

5.3.1.1

Several

Several

Several

4.3.1.2
7.3.1.1
7.3.1.2
7.3.4.2

Several

Several

6.1.4.1
6.1.4.2
6.1.5.1
6.1.1

6.1.5.1

6.1.4.1
6.1.4.2

5.2.2.1
5.6.2.1

5.2.1.1
5.6.1.1

4.1.4.3



SYMBOL

K,

DEFINITION

1. factor used to estimate the body contribution to wing-body COil

2. Knudsen number

upstream amplification factor of normal sonic nozzle

1. potential·flow lift parameter

2. conversion factor for a partial-span flap on a sweptback wing

value of Kp due to a flap extending from the plane of symmetry to the inboard
and outboard span stations, respectively, of the actual flap

t
hypersonic similarity parameter, M -, for a wing

c

viscous-flow lift parameter

factor accounting for the effect of control-surface span in the estimation of the
parameter Ch•
factor accounting for the effect of control-surface span in the estimation of the
parameter Ch•
pressure-surface slope integral

1. empirically derived correction factor accounting for the effects of the wing
planform

2. flap-span factor

value of KA due to a flap extending from the plane of symmetry to the inboard
and outboard span stations, respectively, of the actual flap

wing-taper-ratio fa~tor

cross-eoupling interference factor of lower vertical surface

crosSoocoupling interference factor of upper vertical surface

factor accounting for the effect of nacelles and fuselage on wing lift due to
power effects

Mach--number functions used in determining supersonic flap pitching effectiveness

empirical factors used in calculating moments of inertia

geometric and Mach-number parameters used in supersonic hinge-moment-derivation
calculations (Page 6.1.6.1-7)

correction factor for blown flaps as a function of jet momentum and aspect ratio

1. surface-roughness height

2. factor used in estimating supersonic parameter Ch
a

3. the number of the wing section, numbered from fuselage center line outboard

SECTIONS

5.2.3.1

4.2.3.1

6.3.2.

• .2.1.2.

6.I.S.1

6.1.5.1

4.1.5.1

4.2.1.2

6.1.6.1

6.1.6.2

4.2.1.2
4.2.2.2

6.1.4.3

6.1.5.1

6.1.5.1

4.4.1
6.2.1.2

5.3.1.2
5.6.1.2

5.3.1.2
5.6.1.2

4.6
4.6.1

6.1.5.1

8.1

6.1.6.1

6.1.4.2

Several

6.1.6.1

6.1.5.1
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SYMBOL

kB(H)' kH(B)

kB(W)

k(al

L

- 1

(LERlj> (LERlo

LER

2.1-20

DEFINITION

4. empirical factor used in estimating sideslip derivative Cy
~

m+1
S. spanwise station, --2-

6. factor used in determining the a.c. location of wing-lift carryover on the body. d{b

7. tab spring effectiveness

tail-body interference factors

ratio of lift-curve slope of body in presence of wing to that of wing alone, fuselage at
zero angle of attack and wing incidence varying

ratio of lift--curve slope of wing in presence of body to that of wing alone, fuselage at
zero angle of attack and wing incidence varying

wing-body interference factors for the forward and aft panels, respectively

airfoil-theory thickness factor

empirical factors used in determining the maximum lift increment due to flap
deflection

apparent mass factor used in determining the subsonic lift and moment of bodies

angle-of-attack correction to the horizontal-tail-body interference coefficient

1. general lift force

2. equivalent-cylinder length for a hemisphere

3. duct lift force, L = CL q.... So

4. airfoil-thickness-location parameter

5. reference length

6. distance of nozzle from plat~ leading edge

left-blade position at 3/4-radius point

parameter accounting for effect of image bound vortex on lift

leading-edge radjus of the inboard and outboard panels, respectively, of a wing

ratio of leading-edge radius to mean aerodynamic chord taken at the mean
aerodynamic chord

SECTIONS

Several

6.1.7

4.3.2.2

6.3.4

6.2.1.2

4.2.1.1
4.3.1.2
4.3.1.3

4.3.1.2
4.3.1.3

4.5.1.2

6.1.1.1
6.1.1.2
6.1.4.1

6.1.1.3
6.1.4.3

Several

5.2.1.2
5.3.1.2

4.1.2
4.7

8.2

9.3
9.3.1
9.3.2

4.1.5.1
4.3.3.1
4.5.3.1
7.4.2.2

6.3.1

6.3.2

9.1
9.1.3

4.7
4.7.1

4.1.5.2

4.3.2.1



SYMBOL
Q

Q"

Qu

DEFINITION

I. reference length

2. over·alliength from wing apex to most aft point on the trailing edge

3. control-surface linkage arm (see Sketch (f), Section 6.3.4)

distance parallel to longitudinal axis between quarter·chord point of MAC of total
forward panel and quarteHhord point of MAC of total aft horizontal panel

1. length of body minus nose

2. length of afterbody (see Sketch (a), Section 4.3.3.2)

3. length of the boattail segment of a jet nozzle

1. total length of body

2. total length of body used as reference length in place of c

3. length of ogive-cylinder or cone-cylinder segment of body

length of cylindrical segment of a body

length of nozzle past afterbody

length of flare

1. longitudinal distance from quarter-chord point of the MAC of main surface to
quarter-chord point of the MAC of the auxiliary horizontal surface, positive for
auxiliary surface behind main surface

2. distance to the center of pressure of a horizontal stabilizer, measured parallel
to the body center line, from the moment reference center

3. distance from the moment reference center to the center of pressure of a
horizontal-tail interference side force, measured parallel to the body center line

I. length of body nose

2. length of body nose and forebody

length of spherically blunted cone extended to cone apex

distance to the center of pressure of the lower vertical stabilizer (ventral) measured
parallel to the body center line, from the moment reference center

distance to the center of pressure of the upper vertical stabilizer, measured parallel
to the body center line, from the moment reference center

distance to center of pressure of the wing-induC'p.d body side force measured from the
body nose, defined by Equations 5.2.3.2--c,-.d

longitudinal distances from Z-axis to beginning and end stations of body component.
respectively

length of boaCtail

longitudinal distance from beginning station of body component to the center of
gravity of the component

SECTIONS

Several

2.2.2
4.1.3.2
4.1.5.2
4.3.3.2

n.1.4

Several

Several

4.3.2.1

4.3.3.2

4.6.4

Several

7.2.1.1
7.2.1.2
7.2.2.1
7.2.2.2

4.2.2.1

4.2.1.1
4.2.1.2
4.2.3.1
4.2.3.2

4.6.4

4.2.3.2

Several

5.6.3.1

5.3.3.2
5.6.3.2

Several

4.3.2.1
4.3.2.2
4.3.3.2

4.2.3.1

Several

Several

5.2.3.2

8.2

4.2.2.1

8.2
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SYMBOL

Qequiv

~3

M

DEFINITION

length of engine including propeller

distance measured parallel to the forward-surface root chord, between the effective
forward-surface tip quarter-chord point and the aft-surface MAC quarter-chord point

length of equivalent body nose, fequiv d

1. longitudinal distance from nose of body to midpoint of wing tip

2. length of body forebody

3. length of control

free interaction length

distance from intersection of wing trailing edge with fuselage and the quarter-chord
point of the MAC of the horizontal tail

1. longitudinal distance from nose of body to exposed root chord of the wing

2. length of body nose

1. length of nacelle structure

2. distance to the ccnter of pressure of a panel in the empennage, measured parallel
to the center line, from the moment reference center

:eparation length

control-tab linkage arm (see Sketch (f), Section 6.3.4)

distance from moment center to a transverse element, positive where element is
forward of moment center

distance from apex of forward-body theoretical cone to face of forward-body
segment (see sketch, Page 7.2.1.1-5)

control-surface linkage arms (see Sketch (f), Section 6.3.4)

length of a given segment of a body

distance measured paraUel to the forward-surface root chord, between the forward
surface root-ehord aft en~ and the aft-surface MAC quarter-chord point

distance measured paraUel to the plane of symmetry, between the forward-surface.
MAC forward end and the root-chord aft end

1. Mach number

2. moment

3. length of molecular mean tree path for rarefied gas

4..duct pitching moment, M:= em q_ Sn c

SECTIONS

8.1

4.4.1
4.5.1.1
7.4.4.1

4.3.2.2

5.2.2.1
5.6.2.1

4.3.2.2

6.3.1

6.3.1

4.2.2.1

5.2.2.1
5.2.3.2

4.3.2.2

8.1

Several

6.3.1

6.3.4

4.2.2.2

7.2.1.1
7.2.1.2

6.3.4

Several

4.4.1
4.5.1.1
7.4.4.1

4.4.1
4.5.1.1
7.4.4.1

Several

2.1

4.2.3.1

9.3
9.3.1



SYMBOL

6M

(MAC)y,

M(,C ~---I!.) =0.10
aM Cl =const,

DEFINITION

Mach-number increment

mean aerodynamic chord of exposed upper vertical panel

Mach number for maximum wave-drag increment for swept wing with i\c/4 == n

Mach number for maximum wave-drag increment

Mach number at which the numerical value of the slope of the curve of CD vs M
is 0.10

Mach number for drag divergence

Mach number for drag divergence for swept wing with AC/4 == n

initial drag~rise Mach number

Mach number determining if leading edge of wing is supersonic

l. Mach number used in estimating transonic lift-curve slope (see Page 4.1.3.2-13),
Mfb + .07

2. moment-area of a control surface ahout its hinge axis

Mach number used in estimating transonic lift-curve slope (see Page 4.1.3.2-13),
Mtb + .14

I. Mach number normal to a circular cylinder in steady cross-flow. M"" "in 0;

2. Mach number normal to a circular cylinder in steady cross-flow. M"" sin 0;'

3. control-surface moment

critical Mach number

nozzle-exit Mach number

force-break Mach number

sweep correction for transonic force-break Mach number

SECTIONS

4.1.3.2

5.3.2.1

4.1.5.1
4.3.3.1
4.5.3.1

4.1.5.1
4.3.3.1
4.5.3.1

4.1.5.1

4.1.5.1
4.2.3.1
4.3.3.1
4.5.3.\

4.1.5.1
4.3.3.1
4.5.3.\

4.5.3.1

4.1.5.1

4.1.3.2

6.1.6.1

4.1.3.2

4.2.1.2
4.2.2.2
4.2.3.2
4.3.3.2
5.2.1.2
5.3.1.2

6.3.4

7.1.1.2

6.3.2

4.1.3.2
4.1.4.2
5.2.2.1
7.1.1.2

4.1.3.2
4.1.4.2
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SYMBOL

M'
1

m

m,n

m

N

n

2.1-24

DEFINITION

transonic force-break Mach number for zero sweep

slope of leading edge

propeller pitching moment

tab-surface moment

local Mach number upstream of interaction

local Mach number

Mach number at nozzle exit

free-stream Mach number

upstream Mach number normal to the leading edge of the wing

upstream Mach number normal to the leading edge of wing at zero angle of attack

I. number of spanwise stations on full-span wing

2. mass

3. slope of lifting line

nondimensional chordwise stations in terms of c

nozzle mass-flow rate

duct internal mass flow

mass-flow rate of gas erouK (per section)

1. normal force

2. propeller normal force

3. dueled-propeller normal force

normal Coree acting at inlet of jet engine due to inclination of inlet to oncoming flow

propeller normal force

I. chordwise distance from the wing apex to the pitching-moment reference center
measured in root chords. positive for reference center aft of apex

2. chordwisc distance from wing apex to moment reference center measured in wing
mean aerodynamic chords. positive aft

SECTIONS

4.1.3.2
4.1.4.2

4.4.1

9.3.1

6.3.4

6.3.1

6.3.2

4.6.4

Several

4.1.3.3

4.1.3.3

6.1.1

8.1

4.4.1

2.2.2

6.3.2

9.3
9.3.1

6.1.1.1

4.1.3

9.1

9.3
9.3.1

4.6

4.6
9.3.1

4.1.4
4.1.4.2
4.1.4.3

4.7
4.7.3



SYMBOL

n'

P

p'

P,

p'
2

DEfINITION

3. number of engines

4. nondimensional coordinate used in integration of wing-root anct winlHip conical
pressures

S. value of sweep angle

6. distance from the face of a given body segment to the desired moment reference
axis of the confiluration

7. spanwise station along wine

8. propeller rotatio"al speed, J,p.s.

9. number of segments of trailing-edge nap

load factor

distance of the desired momcnt reference center behind the forward face of any
given body segment, positive for reference center aft of forward race

value of i at left- and right·hand wing tips of a swept wing, left and right as viewt:d
from trailing edge to leading edge

pressure

ratio of local pressure coeffiCient to tw<Hlimcnsional pressure coefficient

plateau pressure

nozzle-exit pressure

pressure upstream of separation

separation pressure

local pressure upstream of interaction

jet plenum pressure

local pressure

1. pressure peak value

2. plateau pressure

upstream over-all pressure

pressure immediately downstream of a transverse jet

downstream over-aU pressure

SECTIONS

4.6
4.6.1

6.1.6.1

4.1.5.1

4.2.2.1
7.2.1.1
7.2.1.2

6.1.7

9.1
9.3
9.3.1

6.1.2.1
6.1.5.1

4.6
4.6.4
6.3.4
4.2.2.1

4.4.1

6.3.1

6.1.6.1

6.3.1

6.3.2

6.3.1

6.3.1

6.3.1

6.3.2

6.3.2

6.3.1

6.3.2

6.3.2

6.3.2

6.3.2
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SYMBOL

P

Ap

,
Po

q

q"

q/q~

2.1-26

DEFINITION

free-stream pressure

1. static pressure

2. cross-section perimeter

3. planform-shape parameter, S/(b2)

4. angular velocity in roll

5. total number of wing sections

static-pressure increment from ambient, P - p_

total pressure at jet exit

base pressure

jet total pressure

internal jet pressure

free-stream ambient pressure

1. dynamic pressure

2. angular velocity in pitch

slipstream dynamic pressure

average dynamic pressure at an aft horlzontal tail

dynamic pressure at a vertical tail

average dynamic pressure acting on an aft panel

dynamic pressure in propeller slipstream

local dynamic pressure

free-stream dynamic pressure

dynamic-pressure ratio for Prandtl-Meyer expansion

average dynamic·pressure ratio

SECTIONS

6.3.1
6.3.2

Several

4.2.3.1

2.2.2
4.1.3.2
4.1.5.2
4.3.3.2

Several

6.1.5.1

4.6
4.6.1

4.6.1

4.6.4

4.6.4

4.6.4

4.6.1
4.6.4

Several

Several

9.2

Several

7.4.2.1
7.4.2.2
7.4.2.3
8.1.2

4.5.3.1

4.6

6.3.2

Several

4.4.1

Several



SYMBOL

q'

q~

q"

q~

~q

q

q~

R

R'

RL.s.

(RL.S'>H

(RL.S'>i' (RL.S'>o

DEF[NITION

average dynamic-pressure ratio acting on the forward surface

average dynamic-pressure ratio acting on the aft surface

dynamic-pressure·loss ratio for points not on the wake center line

effective dynamic-pressure ratio at horizontal tail

ratio of the change in dynamic pressure at the horizontal tail

ratio of the change from free·stream dynamic pressure to slipstream dynamic
pressure to the free-stream dynamic pressure

dynamic-pressure-loss ratio at the wake center

I. Reynolds number

2. radial distance from thrust axis to centroid of incremental tail aiea

3. reference radius of arbitrary body of revolution

4. radius of hemisphere

5. propeller radius

6. leading-edge-suetion parameter defmed as the ratio of the leading-edge suction
actuaUy attained to that theoretically possible

leading-edge-suction parameter that accounts for the portion of the inboard panel
submerged in the body

aerodynamic boost link ratio

lifting-surface correlation factor

lifting-surface correlation factor of the horizontal-tail panel

lifting-surface correlation factor of the inboard panel and outboard panel,
respectively, of the wing

lifting-surface correlation factor of the tail panel

SECTIONS

4.5.1.2

Several

4.4.1

4.7
4.7.3

4.6.3

4.6.1
4.6.3

4.4.1

Several

4.6.1

4.2.1.2
4.2.2.2

8.2

Several

4.1.5.2
4.3.3.2

4.1.5.2

6.3.4

4.1.5.1
4.3.3.1
7.4.2.2

4.5.3.1

4.3.3.1

4.5.3.1
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SYMBOL

(RL.S-'v

(RL.S>w

R'.
J

R,

R,
L

R,LER

R, ' R,
MAC

R,
fus

R,
s

R,
•

2.1-28

DEFINlTlON

lifting-surface correlation factor of the vertical panel

lifting-surface correlation factor of the wing

wing-body interference factor

base radius of body

maximum fuselage radius forward of propeller plane

leading-edge suction parameter of inboard panel and outboard panel, respectively,
of the wing

radius of jet exit

radius of equivalent jet exit

Reynolds number

Reynolds number based on length

Reynolds number based on the leading-edge radius of the MAC

Reynolds numbers based on the leading..edge radius of the MAC of the inboard panel
and outboard panel, respectively. orlhe wing

Reynolds number based on the length of the mean aerodynamic chord

fu~elage Reynolds number

Reynolds number based on distance to the separation point

local Reynolds number upstream of interaction

reference Reynolds number upstream of interaction

Reynolds number at control hinge line, referred to local Reynolds number upstream
of interaction

SECTIONS

4.5.3.1

4.5.3.1

4.3.3.1
4.5.3.1

4.6.4

9.1
9.1.3

4.1.5.2

4.6
4.6.1

4.6
4.6.1

Several

6.3.2

4.l.S.2
4.3.3.2

4.1.5.2

Several

4.3.3.1
4.5.3.1

6.3.2

6.3.1
6.3.2

6.3.1

6.3.1



SYMBOL

R'
1

f

r'
, "f,f

f

fUi.w

(flxo

DEFINITION

Reynolds number at the point of the beginning of interaction, referred to local
Reynolds number upstream of interaction

Reynolds number at transition point, referred to local Reynolds number upstream
of interaction

free-stream Reynolds number

body radius

propeller radius

nozzle~xit radius

right-blade position at 3/4-radius point

1. radius of base of bodY nose

2. body radius at any station

3. radius of spherical nose segment

4. body radius

J{1h)2 2h5. I - --
b b

6. radius

7. radial distance to propeller blade element

8. angular velocity in yaw

9. average radius of body at vertical-tail exposed root chord

10. average radius of body in the region of the horizontal tail

nondimensional coordinatcllsed in integrating wing-root and wing-tip conical pressures

body radii at the midpoints of the exposed root chords of the forward and aft panels,
respectively

distance from the axis to the centroid of the total mass

leading-edge radius of basic wing

average radius of the body at the wing-bodY juncture

body radius at point where flow ccucs to be potential

SECTIONS

6.3.1

6.3.1

6.3.1
6.3.2

4.6.4

Several

4.6.4

9.1
9.1.3

4.3.1.3

Several

4.2.3.1

4.3.1.2

4.7
4.7.1
4.7.4

8.1

9.1
9.1.1
9.1.2
9.1.3

Several

5.3.1.2

6.2.1.2

6.1.6.1

4.1.5.2

8.1

4.1.5.1
4.3.3.1

4.3.3.1

4.3.3.2
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SYMBOL

,
r

b'

"r

. b"

s

s'
5', S"

2.1-30

DEFINITION

I. radius of spherical body nose

2. average body half-depth in the region of the tail panel(s), measured from center line

average body half-width in the region of the tail pancl(s), measured from center line

ratio of body radius at exposed-wing·root quarter-chord point or midchord point of
forward lifting surface to span of forward surface

ratio of body radius at root-quarter·chord point or midchord point of exposed forward
lifting surface to span of forward surface

ratio of body radius at exposed-wing-roat quarter-ehord point at midchord point of aft
lifting surface_ to span of aft surface

ratio of average body half-depth in the region of the lower vertical panel to span of lower
vertical panel measured to body center line

ratio of average body half-depth in region of the upper vertical panel to span of upper
vertical panel measured to body center line

ratio of average body half-width in region of horizontal panel(s) to horizontal panel
semispan

1. crosHectional reference area of the cylindrical portion of body

2. cross-sectional area of body at any point x

3. reference area

wing area

nose area of forebody or base area of afterbody

gross planform areas of the forward and aft surfaces, respectively

frontal area of body

body reference area

projected side area of body

duct planform area, SD = dec

SECTION3

4.2.1.1
7.2.1.1
7.2.1.2

Several

Several

4.3.1.3

4.5.1.2

4.5.1.2

Several

Several

Several

4.2.1.2
4.2.2.2

4.3.3.1

4.6
4.6.4
6.3.1

Several

4.2.3.1

Several

Several

4.3.3.2
5.3.1.1

5.2.1.2
5.2.3.1
5.6.3.1

9.3
9.3.1
~.3.2

9.3.3



SYMBOL

Sy
e

Sbw

DEFINITION

area of trailing-edge extension of double-delta and cranked wings

area of auxiliary horizontal surface, aft tail or canard

incremental segments of horizontal-tail area

area of exposed horizontal-tail panel

area of portion of horizontal tail immersed in propeller slipstream

total surface area immersed in slipstream

streamwise basic wing area ahead of jet flap

area of a loaded region of wing in pressure-moment-area calculations

base area of body nose, 1fC
2

wetted or surface area of body excluding base area

exposed wetted area of body (isolated body minus surface area covered by wing at
wing-body juncture)

area of exposed lower vertical panel

1. area of single vertical panel for configuration with twin vertical panels

2. area of upper vertical panel measured to body center line

area of exposed upper vertical panel

wing area

area of exposed wing

I. wing planform area including and directly forward of flap area (flap area
not included) (see Section 2.2.2)

2. flap-affected wing area, including increase in area due to flap extension

wing planfonn area including and directly forward of flap area immersed in propeUer
slipstream

body base area

area of basic Wing

SECTIONS

4.1.3.2

Several

4.6.1

4.5.3.1
6.2.1.2

4.6.3

4.6
4.6.4

6.1.5.1

6.1.6.1

Several

Several

4.3.3.1
4.5.3.1

Several

5.3.1.1
5.6.1.1

Several

Several

Several

4.3.3.1
4.5.3.1

4.6
4.6.4
6.1.4.2
6.1.4.3

6.1.4.1
6.1.4.2
6.1.5.1

4.6.4

Several

4.1.3.2
4.1.5.1
4.3.3.1
5.1.2.1
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SYMBOL

(~)e

Sf S"
e' e

s'o

Srer

2.1-32

DEFINITION

area of exposed basic wing

main-eontrol-surface area

1. area of exposed wing

2. arca of elevator

2[ 2]ode deB
3. now area at duct exit plane, ""4 1 - ~ de )

exposed planform arcas of the forward and aft surfaces, respectively

area of exposed inboard panel of wing

area of nap Or control surface

arca of glove of double-dclta and cranked wings

1. total area of inboard panels of winK

2. arca of portion of wing immersed in propeller slipstream, bic j

3. primuy-surface planform area forward of and including the flap area inside the
~rimary-surfacetip Mach cone (Figure 6.1.7-28b)

areas of exposed inbo:u.d and outboard panels, respect!nly. of wing

area uf one ~ction of win. of n !lections

area of kth wing segment with aD flaps retracted

primary-surface planform area fOf'\l!cd of and including the nap area outside the
primary-surface tip Mach cone (Figure 6.1.7-28b)

1. total area of outboard pane!s "J! wing

2. cross-sectional area at body station X
o

tot:l1 ar!'!. of constructed o:Jtboar~panels of wing

1. body planform area

,
2. propeller di1k area, lI'Rp 4.

reference area

SECTIONS

4.3.3.1

6.3.4

Several

6.3.4

9.3.1

Several

4.3.2.2

6.1.4.1
6.1.5.1
6.2.1.1

4.1.3.2
5.1.2.1

Several

Several

6.1.7

4.3.3.1

4.1.3.2
4.1.3.3

6.1.5.1

6.1.7

Several

Several

4.1.4.2
4.3.2.2
5.1.2.1

4.2.1.2
4.2.2.2
4.2.3.2
4.3.3.2
Several

s.venl



SYMBOL DEFINITION

St total wing area, including increase in area due to flap extensions

Stc control-tab area

Swct wetted area

(Swet> wetted area of exposed wing
e

[<Swet)H] e wetted area of exposed horizontal-tail panel

(Swet>' ,(Swell wetted areas of inboard and outboard panels, respectively. of wing
I 0

(
Swet

i
\ ,~weto) wetted areas of exposed inboard and outboard panels, respectively, of wing
iJe e

SECTIONS

6.1.4.1
6.1.4.2

6.3.4

4.1.5.1
4.3.3.1
7.4.2.2

4.3.3.1
4.5.3.1

4.5.3.1

4.1.5.1
4.3.3.1

4.3.3.1

Sx,S(x)

wetted area of exposed tail panel

wetted area of exposed vertical-tail panel

wetted area of exposed wing

body cross-~ctionalarea at any body station, 11"[2

aree of constructed wing panels used to obtain wing lift-cuJVe slope

4.5.3.1

4.5.3.1

4.5.3.1

Several

4.1.3.2
5.1.2.1

8. ' 82 , 83 , ... areas on added vertical panel affected by Mach lines emanating from the intersection
of exposed leading and trailing edges of aU other panels with the body

areas of constructed wing panels affected by jet flaps

Several

6.1.5.1

T

ratio of actual projected side area of fuselage to that of extended fuselage as
determined by Mach lines emanating from leading and trailing edges of exposed
roet chord of the horizontal panel

1. thrust per engine

2. temperature

3. factor thMt accounts for the reduction in longitudinal velocity for wings of infinite
span

4. prod!.lc'. of force and ra.:liu!

S. thrust per propener or total thrust when used in thrust-recovery factor

Several

Several

6.3.1

4.7
4.7.1
4.7.4

8.1

~.1

~.I.2

~.2
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SYMBOL DEFINITION

6. dueted-propeller thrust

transition-strip indicator

adiabatic wall temperature

T
1. thrust coefficient based on free-stream velocity and propeller disk area, -

q~Sp

T
2. propeller thrust coefficient based on free·stream velocity and wing area, -

q~S

SECTIONS

9.3
9.3.1

4.3.2.1
4.3.3.2

6.3.1

9.1
9.1.2
9.1.3

9.2
9.2.1
9.2.3

T'
c

thrust coefficient per engine, Several

T"c

T'
o

t

tic, (tic) av

t

c'

(~r
2.1-34

T
propeller thrust coefficient based on slipstream velocity and propeller disk area, -

"Sq p

total internal axial thrust

ducted·propeUer total net thrust, (Tj - Co q.... SD)
e

1. free-stream temperature

2. hovering thrust

internal jet temperature

propeller thrust

wall temperature

local temperature upstream of interaction

free-llitream temperature

airfoil maximum thickness

thickness of control device at hinge line

nondimensional parameter used in calculating moment·arm parameter

average streamwise thickness ratio of lifting surface

airfoil thickness ratio, based on extended wing chord

maximum airfoil thickness ratio measured normal to control-surface hinge line

9.2
9.2.1
9.2.3

9.3
9.3.1

9.3
9.3.1

4.6.4

9.3.1

4.6.4

9.3.1

6.3.1

6.3.1

6.3.1

Several

6.1.3.1
6.1.3.2
6.1.6.1
6.1.6.2

6.1.6.1

Several

6.1.1.1
6.1.1.2
6.1.4.1

6.1.6.1
6.1.6.2



SYMBOL

(t/qrr

(t/c) max

v, V
coo

V'.
J

Y.

v

DEFINITION

wing thickness ratio al mean aerodynamic chord

average thickness of the basic wing

effective thickness ratio

average streamwise thickness ratios of inboard and outboard panels, respectively, of a
lifting surface

maximum thickness ratio

thickness ratio of tail panel

free-stream velocity

~2
transonic velocity similarity parameter,--

, t )2/3(;
total body volume

volume of nose

vertical-tail indicator

1. duct exit velocity

2. nOlzle exit velocity

3. equivalent airspeed

velocity increment of internal mass now due to power

internal mass-flow velocity with power off

1. jet exit velocity

2. velocity of gas efflux leaving the trailing edge of the airfoil

equivalent jet-exit velocity

exit-velocity ratio

I. any spanwise station on wing

2. induced-drag factor

SECTIONS

4.3.2.1

•.•.1.1

4.1.5.1
4.3.3.1
4.$.3.1

4.1.5.1
4.3.3.1

4.1.3.4
4.5.3.1
4.7
4.7.1

4.5.3.1

Several

4.1.4.2

Several

7.3.1.1

4.3.2.1

9.3
9.3.1

6.3.2

6.3.4

9.3
9.3.1

9.3

4.6
4.6.1

6.1.1.1

4.6
4.6.1

9.3
9.3.1
9.3.2
9.3.3

6.1.7

4.1.5.2
4.3.3.2
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SYMBOL

w

w

x
x
x

2.1-36

DEFINITION

weight

weight of horizontaI-stabilizer section

wing-location index

weight of power-plant section

weight of vertical stabilizer

weight of wing section including wing carry-through structure

weight of engine and propeller

weight of fuselage section

weight of fuselage structure

1. average body width at the exposed-wing or exposed-tail root chord

2. maximum body width

3. factor used to determine the downwash gradient at a particular point in the flow field
not close to the trailing edge of the wing

4. weight per unit length of element

5. induced drag factor

6. local vertical disturbance velocity

weights per unit length at beginning and end stations of body component, respectively

axial force

longitudinal distance of vehicle center of gravity from nose apex

1. distance along airfoil chord, origin at LE

2. distance between the moment center and the a.c. of the lifting surface affected by
downwash, positive when a.c. is ahead of moment center

3. parameter accounting for eff~ct of image trailing vortex on lift

SECTIONS

4.6
4.6.4

6.3.4
8.2

8.1

4.3.2.1

8.1

8.1

8.1

8.1

8.1

8.1

5.2.2.1
5.6.2.1

4.3.1.4
5.2.3.1
5.6.3.1
4.4.1

8.2

4.1.5.2
4.3.3.2
7.1.1.2

8.2

4.1.3

8.2

2.2.1
2.2.2
6.1.2.1
6.3.1

4.5.1.1

4.7
4.7.1



SYMBOL

x'

, "x,x

DEFINITION

4. distance of centroid of the area affected by jet power effects from moment
reference center, positive for area forward of reference center

5. distance of the local center of pressure aft of the quarter-ehord of the MAC
(see Equation 6.1.5.11)

6. longitudinal distance from the nose to quarter-chord point of the MAC of the
exposed wing panel

7. any station along body

8. longitudinal distance measured from the wing-root trailing edge aft

9. longitudinal coordinate measured forward from wing leading edge

10. longitudinal distance from the body nose to midchord point of the MAC of
exposed vertical panel

11. distance of origin of moments from the 2/3 crD point of the basic triangular wing,

measured along the longitudinal axis. positive ahead of the 2/3 crS point

12. distance of origin of moments from the wing midchord point, measured along the
longitudinal axis. positive ahead of midchord point

13. distance of center of loading of a conical-flow region from control hinge axis
measured normal to the hinge axis

14. longitudinal distance measured from vertical-tail leading edge to projected quarter
chord of horizontal-tail MAC on to root chord (see sketch, Figure 5.3.1.1·22b)

15. distance from bodY nose to quarter-chord point of the MAC of exposed horizontal
tail in subsonic flow

16. distance from body nose to midchord point of the MAC of exposed horizontal
tail in supersonic flow

17. distance from nose to center of pressure of given body segment

I" increment between successive longitudinal stations

2. the chordwise distance from the quarter-chord point of the 75-percent-semispan chord
to the three-quarter-chord point of the wing root chord, positive when the latter is aft
of the former (see Figure 4.7.1-14)

3. distance between forward and aft faces of given body segment

stations measured from leading to trailing edge of airfoil surface

longitudinal distances used "in estimating wing pitching moment

SECTIONS

4.6.3

6.1.5.1

4.3.1.3

Several

4.4.1
7.4.1.1

9.1
9.1.3

5.3.1.2
5.6.1.2

5.1.3.1
7.1.1.1

5.1.3.1

6.1.6.1

5.3.1.1
7.4.2.1
7.4.2.2
7.4.2.3

6.2.1.2

6.2.1.2

4.2.2.1

4.2.3.2
4.3.3.1
6.1.7

4.7
4.7.1

4.2.2.1

4.4.1

4.5.2.1
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SYMBOL

, ,
x, z

x"

xa

Xa.e.

~xa.c.

x 'a.e.

x"a.e.

(x' )'
a.e. 0

(x )
a.e. p

2.1-3/l

DEFINITION

corresponding point on the airfoil for a point x, z in the flow field

location of quarter-chord point of MAC of total aft horizontal panel

1_ distance between a.e. and e.g., positive when e.g. is ahead of a.e.

2. longitudinal distance from axes origin to e.g. of component

3. chordwise distance between duct moment reference center and installed duct
center of pressure, positive for center of pressure ahead of moment reference
center

distance between vehicle center of gravity and quarter-chord point of horizontal
stabilizer MAC (see Figure 4.5.3.2-4)

distance from jet wake origin to the quarter-chord point of the MAC of the horizontal
tail, parallel to the thrust axis

distance from nose of configuration to control hinge line

longitudinal distance between jet inlet and quarter-ehord point of wing MAC

longitudinal distance from aircraft reference-axis origin to leading edge of mean aero·
dynamic chord of wing segment affected by leading-edge device

chordwise distance from apex to leading edge of MAC

distance from the leading edge of MAC to the moment reference point, positive for
the moment reference point aft of the leading edge of the MAC

point of reattachment pressure rise (see Sketch (a), Page 6.3.1-2)

longitudinal distance from aerodynamic center of that portion of wing immersed in
propeller slipstream to moment-reference-eenter location, positive for a.c. forward of
moment reference center.

center-of-Iift location of incremental load due to flap deflection, measured
positive aft from extended airfoil leading edge parallel to free stream

1. distance between aerodynamic center and wing apex, parallel to the MAC,positive
for a.C. aft of wing apex

2. airfoil-section a.c. position

3. distance between aerodynamic center and airfoil leading edge, parallel to free stream,
positive for aerodynamic center aft of leading edge

shift in wing aerodynamic center at transonic speeds due to flow separation

aerodynamic center of the forward panel, referred to forward-panel apex

aerodynamic center of the aft panel, referred to aft·panel apex

aerodynamic center of the constructed outboard panel of the wing

distance between quarter-ehord point of MAC of added panel and aerodynamic
center of added panel. For supersonic.: case the distance between the mid-chord
point of MAC and aerodynamic cenler

SECTIONS

4.4.1

7.4.1.1
7.4.1.2
7.4.4.1
7.4.4.2

Several

8.2

9.3
9.3.2

4.5.3.2

4.6
4.6.1

6.3.1

4.6
4.6.1
4.6.3

6.1.5.1

2.2.2

6.1.5.1

6.3.1
6.3.2

4.6
4.6.3

6.1.2.1

Several

4.1.2.2

6.1.2.1

4.1.4.2

4.3.2.2
4.5.2.1
4.5.2.1

4.3.2.2

5.3.3.1
5.6.3.1



SYMBOL

(x )
a.c. V

Xc max

Xcentroid

DEFINITION

distance between quarter-chord point of MAC of vertical panel and aerodynamic
center of vertical panel

1. axial distance from vertex of body nose to centroid of body planform area

2. location of hinge line (for corner flow)

3. fore and aft displacement of control column, positive forward

maximum displacement of control column, positive forward

distance of the centroid of area of a wing behind the wing apex, parallel to wing
MAC and plane of symmetry

1. distance between center of gravity and quarter-chord point of wing MAC, paraUel
to MAC.positive for e.g. aft of MAC

SECTIONS

5.3,3.1

Several

6.3.1

6.3.4

6.3.4

2.2.2

4.5.2.1
4.6
5.3.3.1
7.1.3.3

2.

Xc.p. I.

2.

3.

4.

5.

6.

distance from wing apex to center of gravity, paraUel to MAC, positive for e.g.
aft of wing apex

distance from wing apex to center of pressure, parallel to wing chord and plane of
symmetry, positive for c.p. aft of wing apex

distance from body nose to body center~f-pressurelocation, positive aft

dist::lnce from airfoil leading edge to center of pressure of Incremental load due to
flaps, vu-allel to wing cnord, positive for center of pressure aft of leading edge

chordwise center~f-pressure location aft of the leading edge for a flapped wing
section

center~f-pressure location measured relative to the leading edge (two dimensional)

chordwise distance from duct leading edge to center of pressure of unstalled duct,
positive aft of duct leading edge

Several

4.1.4
4.3.2.2

4.2.2.1
5.2.3.2

6.1.2.1

6.1.5.1

6.3.2

9.3
9.3.2

chordwise center~f-pressure location aft of the leading edge for the basic loading of
a plain flap

center-of-pressure location of boattail, measured aft of the forward face of the
boattail

distance of center of pressure of normal-force increment from moment reference poinl.
negative aft

parameter accounting for relative positions of the horizontal and vertical tails

longitudinal distance between quarter-ehord point of MAC of vertical panel and
the forward end of its root chord

location of nozzle exit (see Sketch (a), Page 6.3.2-3)

distance from jet exit to the quarter-ehord point of the MAC of the horizontal
tail, parallel to the thrust axis

1. distance from airfoil leading edge, parallel to fret stream, where total
lift increment due to flaps acts

2. distance of the leading edge of the control root chord behind Ihe wing axis of pitch

longitudinal centroidal distance of fuselage from nose

center-of-Iiff locafion of incremental load due to deflection of tint, second, and jth flap
segment, respectively. measured aft from airfoil leading edge parallel to free stream

6.1.5.1

4.2.2.1

6.3.1

5.3.1.1

5.3.3.1

6.3.2

4.6
4.6.1

6.1.2.1

6.1.5.1

8.1

6.1.2.1

6.1.5.1
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SYMBOL

x;

x,

ax,

x,.c

x,

2.1-40

DEFINITION

distance to center of pressure of wing-induced body side force from juncture of wing
leading edge and body at angle of attack

distance to center of pressure of wing-induced body side force from juncture of wing
leading edge and body at zero angle of attack

distance from airfoil leading edge, parallel to free stream, where total lift increment

due to jet efflux acts

longitudinal distance from jet wake origin to jet exit, usuaUy considered to be
4.6 times the orifice exhaust radius

longitudinal distance from moment reference center to chord for zero sweep, defined

in xm defmition 4 below, for the kth wing segment

1. longitudinal distance from the body nose to the chosen moment center, positive aft

2. chordwise distance from duct leading edge to moment reference center, positive aft
of duct leading edge

3. desired pitching·moment reference point measured positive aft from basic airfoil
leading edge parauel to wing chord.

4. distance from wing leading edge to uniQue unswept rf'Jfference line so that the ratio
ot xm to local coord is constant for straJght-tap~redwings (see Sketch (k), .section
6.1.5.1)

1. body station where flow ceases to be of a potential nature

rnx
2. function of the slope of the lifting line (m)"b/2

3. beginning of pressure interaction

1. longitudinal distance from intersection of propeller plane with thrust axis and the
quarter-ehord point of the MAC of the wing

2. fore and aft displacement of right rudder pedal, positive forward

distance from forward end of root chord to intersection of control hinge line with
root chord, parallel to wing root chord

distance from wing apex to desired moment reference center, meuured positive aft

desired pitching·moment reference point, measured positive aft from basic airfoil
lCading edge parallel to Wing chord

1. longitudinal distance from model vertex to point ofvortex separation

2. distance from nose of airfoil to spoiler lip, parallel to wing chord (Figure 6.1.1.1-S2b)

3. point of separation pressure rise (see Sketch (a), Page 6.3.1-2)

SECTIONS

5.2.3.2

5.2.3.2

6.1.2.1

6.1.5.1

4.6
4.6.1

6.1.5.1

Several

9.3
9.3.2

6.1.2.1
6.1.5.1

6.1.5.1

Several

4.4.1

6.3.1

4.6
4.6.1
4.6.3

6.3.4

6.1.6.1

6.1.5.1

6.1.2.1

4.3.1.3
5.3.1.2
5.6.1.2
6.2.1.2

6.1.1.1
6.2.1.1
5.2.2.1

6.3.1
6.3.2



SYMBOL

x;

x
(Yc)max

x

Cv

X a.e.

Xa.c.

C,

DEFINITION

distance from wing leading edge to spoiler hinge line (see Sketch (g), Pap 6.2.1.1-6)

1. chordwise position of airfoil maximum thickness

2. distance from forward end of tip chord to intersection of control hinge line with
tip chord; parallel to root chord

3. transition distance

chordwise position of maximum camher of airfoil

dSx
1. body station ~:here -- fust reache. its maximum negative value

dx

2. distance from intersection of wing leading edge or trailing edge with fuselqe and
the center of pressure of given body segment (see Sketch (a»

distance from intersection of wing leading ed,e with fuselage to forward face of body
segment adjacent to the intersection (see Sketch (a»

distance parameters used to define section thickness-ratio factor for hexagonal airfoils

moment arms corresponding to section lift,terms ACl. dC2, dC6, respectively

point of beginning of downstream pressure rise (see Sketch (a), Page 6.3.2-3)

point of peak downstream pressure rise (see Sketch (a), Page 6.3.2-J)

moment arms corresponding to section lift terms dCS
l

, AC52' Acs j • respectively,

for the fust. second and jth flap segments, respectively

parameter accounting for relative positions of horiz~ntaland v~ dcll tails

distance of aerodynamic center of wing aft of wing apex, measured in mean
aerodynamic chords, positive aft

distance of aerodynamic center of wing aft of wing apex measured in root chords,
positive aft

SECTIONS

6.2.1.1

2.2.1
4.1.5.1
4.3.3.1

6.1.6.1

6.3.1

2.2.1

Several

4.2.2.1

4.2.2.1

4.1.5.1
4.3.3.1

6.1.2.1
6.1.5.1

6.3.2

6.3.2

6.1.2.1
6.1.5.1

5.3.1.1
5.6.1.1

4.1.4.3

4.1.4.2
4.1.4.3
4.3.2.2
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SYMBOL

6xa.c.

Cr

(X)a.c.

Cr B(W)

ere)
I

(
Xa.,.)

Cr N

Cr'l
C:r')'

o

x 'a.c.

Cre

(
X ')

a.c.

Cre B(W)

( :a.~.).
'e I

(:a~)
. Ie N

2.1-42

DEFINITION

incremental a.c. location accounting for separation effects

value of parameter for body in presence of wing

aerodynamic-eenter location at zero lift

distance of a.c. location of inboard panel of wing aft of apex of inboard panel
measured in its root chords

value of parameter for body nose

distance of a.c. location of outboard panel of wins aft.of the apex of outboard panel,
measured in its root chords

distance of a.c. location of constructed outboard panel of wing aft of the apex of the
constructed outboard panel, measured in its root chords

value of parameter for wing in presence of body

distance of aerodynamic center of wing-body configuration from apex of exposed
wing, measured in exposed-wing root chords

distance of aerodynamic center of body in presence of the wing from apex of exposed
wing, measured in 'exposed-wing root chords

distance of aerodynamic center of inboard panel of wing from apex of exposed wing,
measured in its exposed-wing root chords

distance of aerodynamic center of body nose ahead of wing-body juncture from apex
of exposed wing, measured in exposed-wing root chords

SECTIONS

4.1.4.2

4.3.2.2

4.1.4.3

4.1.4.2

4.3.2.2

4.1.4.2

4.1.4.2
4.3.2.2

4.3.2.2

4.3.2.2

4.3.2.2

4.3.2.2

4.3.2.2



SYMBOL

(:.c)
'e W

(
X )

a.e.

c'e W(Bl

X c.p.

Cc.p.

(:c p
)

c.p. 1

C,

(X)c.p.

c, CL=D

(
Xc.P.)

. Cr C
Lmax

(
xc,p)

Cr ref

Cc.P
.)

C, I

!:J.(x c
.
p

) •

C, 2

!:J. (Xc.P.)
C, 3

!:J. (Xc.P'\
Cr 4,

DEFINITION

value of parameter for wing

distance of aerodynamic center of exposed wing in presence of the body from apex
of exposed wing, measured in exposed-wing root chords

empirically derived chordwise center·of-pressure location of the incremental load
due to surface deflection

Xc.p .
empirically derived factor of -

cc.p.

distance of wing center-of-pressure location, in wing root chords. measured
positive aft of wing apex

wing center-of·pressure location at zero lift

wing center-of-pressure location at maximum lift

wing reference center-of-pressure location

component of wing center-of.pressure location at maximum lift due to
leading-edge sharpness

increments of wing center-of·pressure location due to planform geometry

SECTIONS

4.3.2.2

4.3.2.2

6.1.5.1

6.1.5.1

4.1.4.3

4.1.4.3

4.1.4.3

4.1.4.3

4.1.4.3

4.1.4.3
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SYMBOL

C5

y 90' Y100

y

Ll.y

DEFINITION

ratio of center~f·lift location of a finite-aspect-ratio wing to center-of-lift
location of an infinite-aspect-ratio wing for the incremental load due to
deflection of the jth trailing-edge flap segment

ratio of center-of-lift location of a finite-aspect-catio wing to center-of-lift
location of an infinite-aspect-ratio wing for the incremental load due to jet
momentum acting at some angle to trailing-edge camber line

distance of the hinge axis behind wing leading edge measured in plane normal to
control hinge axis

airfoil ordinates at 90- and 99·percent chord, in percent chords

upper-surface ordinates of flap in retracted position at 90- and lOQ..percent
chord, respectively, in fractions of the chord

1. airfoil ordinate at some value of x

2. coordinate with origin at midspan of wing leading edge, perpendicular to plane
of symmetry

3. lateral coordinate measured positive to right of plane of symmetry

1. difference between airfoil ordinate at 6% chord and ordinate at 0.15% chord

2. lateral distance from thrust axis of one propeller to blade element of another

SECTIONS

6.1.5.1

6.1.5.1

6.1.6.1
6.1.6.2

4.1.1.2
6.1.5.1
7.1.2.2

6.1.1.1

2.2.1

4.4.1

Several

Several

9.1
9.1.3

Y(xl

y

3. spanwise distance on constructed inboard panel

thickness distribution of airfoil

lateral distance from axes origin to e.g. of component

spanwise location of break span station

1(2 hi 4.1.4.2

4.3.2.2

2.2.1

8.2

2.2.2

2.1-44

1. lateral center·of-pressure coordinate of the horizontal tail. measured from and
normal to the longitudinal axis

2. lateral centroidal distance of half horizontal stabilizer from aircraft plane of
symmetry

6.2.1.2

8.1



SYMBOL

Yc (x)

Ymax

DEFINITION

distance of the wing MAC from the plane of symmetry

spanwise distance from thrust axis to body center line

lateral ceolroidal distance of half-wing from aircraft plane of symmetry

lateral distance to wing mean aerodynamic chord from fuselage center line

lateral distance to mean aerodynamic chord of wing segment affected by the
leading-edge device from fuselage center line

camber-line distribution of airfoil

maximum ordinate of mean line of airfoil

spanwise distance from center line to inboard edge of flap or control surface

distance of inboard corners of horseshoe vortices from plane of symmetry

vertical distance from airfoil chord line to airfoil maximum upper-surface
ordinate (see Sketch (a), Section 4.1.4.3)

1. distance of theoretical lateral vortex from plane·of symmetry

2. spanwise distance from center line to outboard edge of flap or control surface

'coordinate axes with origin at e.g. of component

body vortex lateral position at the vertical tail spans (defined by Equation 5.3.1.2-0

value of ~y for chord -perpendicular to wing lellding edge, where Ay is defined
above in 1.

SECTIONS

2.2.2

4.6
4.6.1

B.I

6.1.4.2
6.1.5.1

6.1.5.1

2.2.1

2.2.1
4.3.2.1
4.3.3.2

6.1.6.1
6.1.6.2
6.2.1.1
6.2.2.1

4.4.1

4.1.4.3

Several

6.1.6.1
6.1.6.2
6.2.1.1
6.2.2.1

B.2

5.3.1.2
5.6.1.2

Several
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SYMBOL

z

Z

l:i.z

,
z

z', z"

z
Hefr

Zv

2.1-46

DEFINITION

parameter used in determining horizontal stabilizer lift coefficient; defined by
Equation 4.5.3.2-h

1. vertical distance between e.g. and quarter-chord point of wing MAC positive for
MAC below e.g.

2. vertical distance between e.g. and qUaIter-chord point of wing root chord, positive
for quarter-chord point of root chord below e.g.

3. vertical coordinate with origin at midspan of wing leading edge

4. vertical distance from the vortex sheet to the point of interest (usually the quarter
chord point of the MAC of the horizontal tail)

5. vertical distance of vertical-tail center-oC-pressure location above or below
moment-reference-center location

vertical distance between desired moment-reference-eenter-chord location
and quarter-chord of MAC, positive for wing below desired location

vertical distance of the horizontal tail below the body center line

vertical distance between e.g. and quarter-chord point of forward and aft panel MAC's,
respectively

vertical distance from axes origin to c.g. of component

1. vertical distance between quarter-chord point of horizontal tail and X-axis,
positive for tail below X-axis

2. distance measured normal to the longitudinal axis between the horizontal tail c.p.
and the moment reference center, positive for c.p. above longitudinal axis

3. distance to c.p. of horizontal-tail-interference side force, measured from and
normal to the longitudinal axis

4. distance from quarter<hord point of wing MAC to quarter<hord point of
horizontal-tail MAC, measured normal to longitudinal axis, positive for tail
above wing

vertical distance of center line of propeUer slipstream from quarter-chord point of
horizontal tail MAC (see Figure 4.6-13a), positive for slipstream above horizontal tail

distance of hinge line measured from and normal to the X-axis, positive down

vertical distance from quarter-chord point of horizontal tail to propeller thrust axis;
positive for quarter.-ehord point above thrust axis (see Figure 4.6-13a)

vertical distance from propeller thrust axis to coordinate origin, positive for thrust
axis below origin (see Figure 4.6-13)

distance normal to the longitudinal axis between the lower-vertical-stabilizer (ventral)
center of pressure and the moment reference center (normally negative)

SeCtIUNS

4.5.3.2

7.1.3.2

7.1.2.1
7.1.2.2
7.3.2.1
7.3.2.2

4.4.1
4.5.1.1
4.5.1.2

4.4.1
7.4.1.1
7.4.4.1

7.4.2.1
7.4.2.2
7.4.2.3

6.1.5.1

6.2.1.2

4.5.2.1

8.2

Several

Several

5.3.3.2
5.6.3.2

4.5.1.3

4.6
4.6.3

6.3.1

4.6
4.6.3

4.6
4.6.1
4.6.3

5.3.3.Z
5.6.2.1
5.6.3.2



SYMBOL

zv

zw

liz e.g.

(ZC.p.) "e
A

z;

Zs

C:Lr
(~~tr

DEFINITION

1. distance normal to the longitudinal axis between the upper-vertical-stabilizer
center of pressure and the moment reference center (always positive)

2. vertical CCOlroidal distance of vertical stabilizer from root chord (at fuselage)

I. vertical distance from the quarter-chord point of the wing MAC, to the coordinate
origin, positive for wing below the origin (see Figure 4.6-13)

2. vertical distance from body center line to quarter-chord point of rool chord,
positive for quarter-chord point below center line

3. half-width of the wake at any position x

vertical distance between e.g. and X-axis, positive for e.g. below X·axis

vertical distance between e.g. and wing MAC quarter-chord, positive above
quarter-chord

distance of center of pressure of axial·force incremen,t from moment reference
point, positive down

distance from jet thrust axis to quarter·chord point of horizontal tail perpendicular
to thrust axis, positive for quarter-chord point above thrust axis

vertical distance of theoretical vortex above reference plane

distance normal to the longitudinal axis between the center of pressure of a vertical
panel and the moment reference center, positive for the panel above the body

vertical distance from X·axis to propelleHlipstream center line at the quarter-chord
of the wing MAC, positive for center line above X·axis (see Figure 4.6-13a)

effective value of height parameter relative to the displaced vortex

value of parameter for forward panel

ratio of height of horizontal tail to average half--dcpth of body in region of horizontal
tail (ratio is positive for tail below body center line)

body vortex vertical positions at the vertical tail spans; defined by Equation 5.3.1.2·1'

SECTIONS

Several

8.1

Several

Several

4.4.1
4.5.1.1
4.5.1.2
7.4.1.1

4.5.2.1

4.6

6.1.5.1

6.3.1

4.6
4.6.

Several

5.6.2.1

4.6
4.6.1
4.6.3

4.4.1

7.4.4.1

5.3.1.1
5.6. I.l

5.3.1.2
5.6.1.2
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SYMBOL

B. GREEK SYMBOLS

DEFINITION

I. angle of attack, positive nose up

2. angular acceleration

J. now deflection angle

1. angle-of-attack increment from incipient shock detachment to full detachment.
0:' - cr·

SECTIONS

Several

8.1

6.3.1

4.1.3.3

a'

2. change in wing angle of attack due to propeller upwash or downwash,

3. increment in angle of attack

I. angle of attack at end of shock-detachment transition region

2. angle of attack of forward panel

3. angle of inclination, J01 2 + {J2

-'p

a 'u
1+-a.

4.6.1

4.7
4.7.1

4.1.3.3

Several

Several

Oi*

(QcLmaX)base

4. an incidence angle defined as cr' = Ol for 0 or;;; 0: '" 90°, and Q' = 180° - Ol

for 90°" Q '" 1800

angle of attack of aft panel, a - f + j"

•transonic similarity parameter,-,
t c

I. angle of attack at which section lift curve begins to deviate from linear variation

2. angle of attack at incipient shock detachment

wing angle of attack at maximum lift coefficient

incremental value of parameter (see Figures 4.1.3.4-21b. ~25b)

wing aJ18le of attack df forward panel at maximum lift coefficient

base value of parameter

4.2.1.2
4.2.2.2
4.2.3.2

4.1.5.2
4.5.1.2
4.5.2.1

4.1.4.2

Several

4.1.3.3

Several

4.1.3.4

7.4.4.1

4.1.3.3
4.1.3.4

~(Oi ) J" subsonic angle of attack for CL of exposed aft panel
~ elma• ba.. e max
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4.5.1.2



SYMBOL DEFINITION

aftJles of attack at maximum Uft coefficients of exposed forward and aft panels.
respectively

incremental value of parameter for exposed forward panel

value of parameter for wing

value of parameter for wing~body combination

angle of attack between duct axis and (ree--strum direction

angle of attack for fusel..., reference Alane

increment in anate of attack at a constant lift coefficient in the presence of the ground

angle of attack of horizontal tail or canard surface

increment in anal" of attack of the horizontal tail in the presence of the ground

local anpe of attack for a particular spanwile Wing IleCtion

angle of attack of thrust axis

angle of attack of vertical tail

angle of attack of wing

change in wing angle of attack ahead or behind the propellers

wing-body anale of attack

angle of attack of wing at which the lift-curve slope becomes nonlinear

section alllie of attack at maximum lift coefficient

equivalent angle of attack for cambered wing

equivalent anale DC attack for cambered wins at maximum Uft coefficient

angle of attack for sectJon destan lift coefficient

tnnowana1e at propeller disk

SECTIONS

4.1.5.2

4.5.1.2

4.3.1.4

4.3.1.4
4.5.1.3

9.3
9.3.1
9.3.2
9.3.3

4.3.1.3

4.7
4.7.1

4.6.3
4.7.1
6.3.4
4.7
4.7.1

6.1.5.1

4.6
4.6.1
4.6.3
4.6.4

6.3.4

Several

4.6.1

4.5.3.2

4.1.3.3

4.[.1
4.1.3.4
4.1.4.3
6.1.1

4.1.3.3

4.1.3.3

Several

9.1
9.1.3
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SYMBOL

0'0

0'_

dO'

2.1-50

DEFINITION

angle between jet thrust axis and local velocity at jet intake, QT + eu

angle between propeller thrust axis and local velocity of propeller plane

angle of attack of surface to which main control surface is attached

change in section zero-lift angle of attack due to plug·type spoiler

angle of attack where onset of vortex lift begins

a.
control- or flap-effectiveness derivative,

36

value of a6 for a wing

value of 0:6 for an airfoil section

angle of attack at zero lift

change in wing zero-lift angle of attack due to linear wing twist

body zero-lift angle of attack

wing zero-lift angle of attack

wing-body zero-lift angle of attack

angle of attack for zero lift of untwisted, constant..section wing

free-stream angle of attack

1 tan 0:
effective angle of attack perpendicular to the wing leading edge, tan-

cos ALE

propeller inflow angle of attack gradient

rate of change of angle of attack

I. Machnumberparameter,~or~

2. propeller blade angle at .75 R blade station

3. angle of sideslip, positive nose left

4. boattail an21e

5. control-tab gear ratio

SECTIUNS

4.6
4.6.1
4.6.3

4.6
4.6.1
4.6.4

6.3.4

6.1.1.1.
6.2.1.1

4.2.1.2

Several

6.1.4.1
6.1.5.1
6.1.7

6.1.4.1
6.1.5.1
6.1.7

Several

4.1.3.1

4.3.2.1

4.3.2.1

4.3.2.1

4.1.3.1
4.1.4.3

6.3.2

4.1.3.1
4.1.3.3

9.1.3

7.4.4.1
7.4.4.2

Several

Several

Several

4.6.4

6.3.4



SYMBOL

f

r', r"

f

21r Vra

f

211" a'Vr

fYi+l-fYi_1

Va b/2

Do,

6'

DEFINlTION

(listed under C/ )
~

dihedral angle, positive wing tips up

dihedral angles of forward and aft surfaces, respectively, positive for wing tips up

value of circulation at any spanwise station

circulation at zero spanwise station

nondimensional vortex strength

nondimensional vortex strength from Figure 4.3.1.3-15 with Ct replaced by er:'

nondimensional vortex strengths for the forward and aft panels, respectively

circulation strength at Yi,o

incremental circulation strength

1. ratio of specific heats

2. angle with origin at wing trailing edge, measured between the zero-angle-of-attack
line and the point under consideration

3. dihedral angle of tail

4. jet spreading angle (see Sketch (i), Section 6.1.5.1)

ratio of maximum deflections of control tab to main control surface

I. semiwedge nose angle of sharp airfoils or cones

2. flap or control deflection angle (also iSf), elevators and naps, positive trailing edge
down; ailerons, positive such as to give positive rolling moment; rudder, positive
trailing edge left

3. local slope of the surface of the vertical panel

4. boundary-layer thickness

1. slope of airfoil surface with respect to free-stream velocity

2. flap deflection in plane normal to comtant-percent-ehord line through x
c,P·h

SECTIONS

Several

4.5.1.1
7.4.1.1

4.4.1

4.4.1

4.3.1.3
4.3.1.4
4.5.1.2
6.2.1.2

5.3.1.2
5.6.1.2

4.5.1.2

4.4.1

4.4.1

Several

4.4.1
7.4.1.1

4.5.1.1

6.1.5.1

6.3.4

4.1.3.2
4.4.1
6.3.2

Several

5.3.1.1

6.3.1

4.4.1
5.3.1.2
5.6.1.2

6.1.5.1
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~ I. F

5'L or 5'R

5effl

b
If

5
Jerf

{j max

2.1-52

DEFINITION

deflection of left-hand control surfa,e

~lope of airfoil surface at leading edge

deflection of right-hand control surface

deflectIOn of left or right aileron

deflection of main control surface

maximum deflection of main (antral surface

distance of deflector lip below lower surface of airfoil

I. elevator deflection

2. equivalent flap deflection due to wing camber and incidence

maximum elevator deflection

effective nose wedge angle for sharp-nosed airfoil (see Figure 4.1.3.3-61b)

effective nose semiwedge angle for sharp-leading-edge wing, perpendicular to leading
edge (see Figure 4.1.3.3-61b)

1. deflection of flap or control surface (see (j)

2. force phase angle

deflection of the i th segment of trailing-edge flap

deflection of leading-edge device

deflections of forward and aft flaps, respectively, (see Figures 6.1.1.1-45, 46)

deflection of first, second, and third segments, respectively, of trailing-edge
Oaps (see Sketch (0, Section 6.1.2.1)

deflection of leading-edge flap, measured perpendicular to airfoil leading edge

net turning angle of internal flow including power effects

turning angle of internal flow with power off

trai1ing-edge jet momentum anglf:, with Icspect to trailing-edgc camber line

effective jet deflection angle with respect to airf"il chord

deflection of aft flap segment, mea~red between trailing edge of lower surface
of nap segment and tine parallel to wing chord

maximum plain-flap deflection for linear aerodynamil,: charaderistics

SECTIONS

6.2.1.l
6.2.2.1

4.4.1

6.2.1.1
6.2.2.1

6.2.2.1

6.3.4

6.3.4

6.2.1.1
6.2.2.1

6.3.4

9.2
9.2.1
9.2.3

6.3.4

4.1.3.3

4.1.3.3

Several

9.1
9.1.3

6.1.2.1
6.1.5.1

6.1.2.1

Several

6.1.2.1

6.1.5.1

9.3
9.3.1
9.3.2
9.3.3

9.3
9.3.1

Several

Several

6.1.2.1
6.1.4.1
6.1.4.2
6.1.4.3

6.1.3



SYMBOL

E

€power
)rr

DEFINITION

slope of airfoil surface with respect to chord plane

boundary-layer th.ickness at point where interaction begins

height of spoiler lip above upper surface of airfoil

deflection of control tab

maximum deflection of control tab

"deflection of trim tab

deflection of primary flap segment, measured between trailing edge of upper
surface of flap segment and line parallel to wing chord

parameter in span-loading calculation

semiwedge angle measured perpendicular to wing leading edge

control deflection measured perpendicular to hinge line

downwash angle in plane of symmetry

I. downwash increment due to flaps
2. downwash increment due to subsonic jet in a subsonic stream

1. average downwash over aft surface

2. effective downwas!l over the Willg span

mean·effective-downwash increment

increment in downwash due to ground effect in the linear-lift range

average downwash angle at the tail

increment in downwash at the tail

downwash due to propeller power effects

power-off downwash lingle

upwash angle ahead of the wing

downwash at plane of ~ymmetry at height of vortex core

upwash induced by propeUer slipstream, positive down

SECTIONS

4.4.1

6.3.1

6.2.1.1

6.2.21

63.4

6.3.4

6.3.4

6.1.2.1
6.1.4.1
6.1.4.2
6.1.4.3

6.1.7

Several

6.1.5.1
6.2.1.1

Several

4.4.1
4.6
4.6.1

4.41
6.2.1.2

4.6
4.6.4

4.6
4.6.1

4.7
4.7.1

4.4.1
4.5.3.2
4.6.3

4.63

4.6
4.6.1
4.6.3
4.6.4

4.6.3

4.6
4.6.J
4.6.3

4.41

9.1
9.1.3
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SYMBOL

1/

1]w

2.1-54

DEFINITION

Y
1. dimensionless span station, 

b/2

2. ratio of the drag on a finite cylinder to the drag of a cylinder of infinite length

J. angle of sweep of the line intersecting conical-flow regions of wing at angle of attack

4. dimensionless span station, cos~ cos~
m+l' m+l

5. control-surface efficiency

<ly
increment in dimensionless lateral direction,

b/2

lateral distance of wing MAC from body centltf line in semispans

1. dimensionless distance from plane of symmetry to break span station

2. Mach-number correction to the interference force

tail-effectiveness parameter

lower-vertical-stabilizer effectiveness factor

upper-vertical-stabilizer effectiveness factor

dimensionless span station of mean aerodynamic chord of wing segment
affected by leading-edge device

spanwise location of the center of pressure of the exposed horizontal tail

dimensionless distance from plane of symmetry to edge of flap or control surface, .!..
b/2

dimensionless distance from plane of symmetry to inboard edge of flap or control
Yj

surface, -
b/2

effective increments in spoiler spanwise inboard and outboard locations, respectively,
due to spanwise flow of spoiler wake for partial~span spoilers

effective locations of inhoard and outboard ends, respectively, of spoilers

dimensionless span stations denoting outboard and inboard ends, respectively,
of the kth wing section

empirical factor accounting for maximum lifting efficiency

dimensionless distance from plane of symmetry to outboard edge of flap or control

Yo
surface, -

b/2

). turning-efficiency factor of the aft flap segment

2. static turning efficiency defined as resultant force divided by gross thrust

SECfIONS

Several

4..2.1.2
4.2.2.2
4.2.3.2
4.3.3.2

6.1.6.1

6.1.7

6.3.4

6.1.4.1
6.1.5.1

6.1.5.1

Several

5.2.1.2
5.3.1.2

5.6.1.2

5.6.1.2

5.6.1.2

6.1.5.1

6.2.1.2

6.1.5.1

Several

6.2.1.1

6.2.1.1

6.1.5.1

6.1.1.3

Several

6.1.1.1

6.1.4.3
6.1.5.1



SYMBOL

o

DEFINITION

lumped parameter containing the effects of downwash. dynamic-pressure ratio, and
Mach number

empirical factor accounting for changes in flap deflection from the optimum
deflection

dimensionless span stations, from center line outboard on wing

empiricallift-efficiency factor of a single-slotted flap. a vane, or forward-flap
segment of double..sJotted flap

empiricallift-efficiency factor of the aft-flap segment of a double-slotted flap

tail-effectiveness factor for configurations with body-mounted horizontal tails

1. slope of airfoil mean line at leading edge

2. linear angle of twist of wing tip with respect to root, negative for washout

3. ratio of ambient static temperature to jet-exit static temperature

4. surface slope of cone frustum

5. shock-wave angle

6. leading-edge shock angle

7. angular pitching velocity

8. slipstream turning angle measured from thrust axis

9. spoiler deflection angle

10. body surface slope

11. angle of conical divergence

12. angle of secondary shock

increment of slipstream turning angle due to wing camber and incidence

angle between airfoil chord line and line connecting airfoil trailing edge with
maximum airfoil upper·surface ordinate (see Sketch (a). Section 4.1.4.3)

surface slope of flared afterbody

1. surface slope of conical body section having a blunted nose

2. surface slope of nose

cone angle

SECTIONS

4.5.12

6.1.1.3

6.1.5.1

6.1.1.1

6.1.1.1

6.2.1.2

2.2, I

Several

4.6.1

Several

4.4.1
63.1

5.3.1.2
5.6.1.2

7.1.1.2

9.2
9.2.1
9.2.3

6.2.1.1

4.2.1.2
4.2.2.2

4.6.4

6.3.2

9.1
9.1.1

4.1.4.3

4.2 .1.1
4.2.1.2
4.2.2.1

4.2.1.2

4.2.3.1
4.3.3.1
5.3.3.1

4.2.2.1
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SYMBOL DEFINITION

{1 f slipstream turning angle adjusted to the condition of zero camber and zero incidence

0
1

trailing-edge shock angle

(J 1 ' O2 ' () 3 l ••• local surface slope of body segmen15

K ratio of two-dimensionallift-eurve slope at appropriate Mach number to 2fr/~; or,
ratio of incompressible two-dimensionallift-eurve slope to 211'

A
HL

sweepback angle of hinge line of nap or control surface

1\ sweep angle of horizontal-tail quarter-chord
Hc/4

ALE' A
LEW

,A. Iweepback angle of wing leading edge

A I A /I
J \LE' 1\LE sweepback angles of leading edges of forward and aft surfaces, respectively

A sweepba,k angle of leading edge of basic wing
LEbw

ALE sweepback angle of leading edge of exposed wing
e

( ALEe) i sweepback angle of leading edge of inboard panel of exposed wing

ALE. sweepback angle of leading edge of glove of double-delta and cranked wings
g

A
LEH

sweepback angle of horizontal-stabilizer Ieadina: edp

Au:> I ALE sweepback angles of leading edge cf wing inboard and outboard panels, respectively
I 0

A ' 5weepback angle of leading edge of constructed outboard panels of wi11&'
LEo

I\. sweepback angle oflower-vt'rtical-stabilizer leading edge
LEU

A,.EV sweepback anale of upper·vertical-stabillzer leading edge

ALE 1 I A
LE2

sweepback angles of leading edp of constructed panels of non-straight-tapered wings

A !tweepback angle of wing trailing edge
"TE

A
TEhw

sweepback angle of trailing edge of basic wing

ATE sweepback ana1e of trailing edge of extension of double-delta and cranked wings
E
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SECTIONS

9.2
9.2.1

5.3.1.2
5.6.1.2

4.2.2.1

Several

Several

4.6
4.6.3

Several

4.5.1.1
4.5.1.2
7.41.1

4.1.3.2
4.1.5 .I
4.3.3.1
5.1.2.1

4.3.2.2

4.3.2.2

4.1.3.2
5.1.2.1

4.5.3.1
8.1

Several

4.1.4.2
4.3.2.2

Several

Several

4.1.3.2

Several

4.1.3.2
4.1.5.1
4.3.3.1

4.1.3.2



SYMBOL

A' A"e/2' e/2

A
e/2.rr

A' A"e/4' e/4

A,

A
(t/e)max

AU/e)mlX '
I

A
(t/e)max

o

DEFINITION

Iweepback angles of trailina qe of win. Inboard and outboard panell, respectively

lweepback of conlt&ltt·percent-ehord Une throuah center of prenure of buic laldina
(ooe Equation 6.1.S.1..>

complement of leadm,-edp lWeep I.nIlo; Ac· 90° - ALE

Iweepback angle of a constant-percent·chord line

sweepback angle 'of wi", S()..percent-ehord line

sweepbact anlles of So-percent-ehord line of forward and aft surfaces,
respectiYely

sweepback angle of the three-quarteN:hord point of the winl

sweepback angle of midchord Uno of exposed wing

effective Iweepback anale of rnidchord line of exposed wing

Iweepback angles of midchord line of wing inboard and outboilld panels,
respectively

sweepback angle of midchord line of one Jection of n sections

sweepback angle of midchord line of constructed outboard panel of wing

sweepback angle of the midchord line of the lower verticalltabUizer

lWeepback angle of the midchord line of the upper verticalstabUizer

sweepback Ingle of the quarter-chord line of the wing

sweepbaclt angles of quarter-chord Une of forward and aft surfaces. respectively

sweepback angles of arbitIary chordwiae locations

sweepback anile of spoJler hinae line

sweepback angle of airfoil maximum-thickness line of wing

sweepback anglea of airfon maxbnum-thickneu lint of wing inboard and outboard
paneta, respectively

SECTIONS

4.1.3.2
4.1.4.2
4.1.S.I

6.1.S.1

4.1.3.2
4.1.4.1

Several

Several

4.5.1.1
7.4.1.1

4.4.1

4.3.2.2

4.1.3.2
4.1.3.3

4.1.3.2
4.1.3.3
4.1.4.2
5.1.2.1

4.1.3.2
4.1.3.3

5.1.2.1

5.3.1.1
5.6.1.1

5.3.1.1

Several

4.5.1.1
7.4.4.1

2.2.2

6.2.1.1

4.1.5.1
4.3.3.1
4.5.3.1

4.1.5.1
4.3.3.1
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SYMBOL DEFINITION

(

tan /l.C/4)
compressible sweep parameter, tan-1 13

tip chord
1. taper ratio,

root chord

2. mean free path (average distance traveled between molecular collisions)

SECTIONS

Several

Several

6.3.2

X', A" taper ratios of forward and aft surfaces.. respectively

AH taper ratio of horizontal tailor canard surface

AH taper ratio of exposed horizontal tail
•

AV taper ratio of lower vertical stabilizer, measured from fuselage center line

Au taper ratio of exposed lower vertical stabilizer

•
Xv taper ratio of upper vertical stabilizer, measured from fuselage center line

AV taper ratio of exposed upper vertical stabilizer
•

Xw wing taper ratio

XbW taper ratio of basic wing

Ae taper ratio of exposed wing panel

"\1 ,-"
I\e) I\e taper ratios of forward and aft exposed surfaces, respectively

(Ae ) . or (Ai) taper ratio of inboard panel of exposed wing
t •

Af taper ratio of flap or oontrol surface

Ag taper ratio of glove of double-delta and cranked wings

Ai' Ao taper ratios of wing inboard and outboard panels, respectively

, ,
1\0 taper ratio of constructed outboard panel of wing

AI' A 2 taper ratios of oonstructed panels of non-suaight-tapered wings
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4.5.1.1
7.4.1.1
7.4.4.1

Several

6.2.1.2

Several

Several

Several

Several

Several

4.1.3.2
4.1.5.1
4.3.3.1
5.1.2.1

Several

4.4.1
4.5.J.l
7.4.J.l

4.3.2.2
4.3.3.1

6.1.4.1
6.1.5.1

4.1.3.2
5.1.2.1

Several

4.1.4.2
4.3.2.2
5.1.2.1

4.1.3.2



SYMBOL

P

Pp

a

T

DEFINITION

1 1
Mach anJle, sin - 

M

Prandt).M""eyer anile

increment in now anp between two poinu on the body surface

1. any station 110111 body

2. preuurc ratio alon. secondary shock

distance required for complete roUup of wingatip vortices, measured parallel
to the win. root chord from the tip quut'J'oChord point, in semispans

1. ratio of we;pt to chord for winl

2. air density

pitch I.diu s of gyration

roU radius of ,yration

radii of gyration at the c.g. of the component

A
1. loometric panform parameter, - (1 + A) tan ALE

4

2. Prandtl interference coefficient

3. sidewalh, positive out the left winl

4. boundary·layer separation angle

S. air density ratio,P/Po

6. propeller solidity. ratio ofbt.de element area to annular area at O.7SR

effective propeUer IOUdit)'

1. o~half the thickneu ratio of the forward-ficin. surface of a wedge airfoil

2. angle denotinl an arbitrary position of the ray in the conical-flow field

anale of a ray in the conical~nowfield whicll passes through the center of
preSSW'e

orroetl.. tumilll 0llI10

SECTIONS

Several

4.4.1
5.3.1.2
5.6.1.2

4.4.1

4.3.3.1

6.3.2

4.4.1
7.4.4.1

8.1

4.6
6.3.2

8.2

8.2

8.2

2.2.2
4.I.J.2
4.1.4.3

4.7
4.7.1
4.7.4

5.4.1

6.3.2

6.3.4

9.1
9.1.1
9.1.3

9.1
9.1.1
9.1.3

4.1.5.1

6.1.6.1

6.1.6.1

6.1.1.1
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SYMBOL

~
TE

2.1-60

DEFINITION

1. angle of bank of elliptical-cross-section body about its longitudinal axis,
measured from the major axis

2. roll angle

~
3. angle of inclination normal to body center line, tan- 1 

a

4, angle associated with geometry of separation

5. inclination of nozzle center line relative to an axis normal to surface

1. streamwise trailing-edge angle

2. traillng-edge angle measured normal to control hinge line

trailing-edge angle based on airfoil ordinates at 90- and 99-percent chord

trailing-edge angle based on airfoil ordinates at 95- and 99-percent chord

n.
span-loading angle calculated at spanwise station n -

• m + 1

v.
span loading angle calculated at spanwise station v,-

m + 1

lift-efficiency factor for a geared tab system, 1 + 13C2/e t

angle used in determination of trim drag (see Figure 4.5.3.24)

SECTIONS

4.2.1.2
4.2.2.2
4.2.3.2

4.3.3.1
6.1.7

5.3.1.2
5.6.1.2

6.3.1

6.3.2

Several

6.1.4.1
6.1.5.1
6.1.6.1
6.2.1.1

Several

6.1.3.1
6.1.3.2
6.1.6.1
6.1.6.2

6.1.1.1

6.1.7

6.1.7

6.3.4

4.5.3.2



SYMBOL

C
D A(NC)

C. CAPITAL-LETTER COEFFICIENTS AND DERIVATIVES

DEFINITION

increment in axial·force coefficient

drag
drag coefficient,

qS

total drag coefficient of the forward panel and body. including wing-body
interference

total drag coefficient of the aft panel, including wing-body interferences

zero-lift drag coefficient due to flap deflection based on free-stream velocity

drag due to ang~ of attack

body drag due to angle of attack

drag due to angle of attack ofa body having an elliptical cross section

wave-drag coefficient based on maximum frontal area of afterbody

reduction in afterbody wave-drag coefficient of a body of revolution with
elliptic cross section

coefficient of interference drag acting on the afterbody due to the nose and
cylindrical section

base drag coefficient

base-pressure drag coefficient for the body

-F x.
external duct drag coefficient, --

Q...,SD

1. skin-friction drag coefficient

2. power-off zero-lift drag coefficient

increment of skin-friction drag due to control--surface or flap deflection

body skin-friction drag coefficient

SECTIONS

6.3.1

Several

4.5.2.1

4.5.2.1

9.2
9.2.3

4.2.3.2
4.3.3.2

4.3.3.2

4.2.3.2

Several

4.2.3.1

4.2.3.1
4.2.3.2
4.3.3.1
4.5.3.1

Several

4.3.3.1

9.3
9.3.1

Several

9.2
9.2.3

6.1.7

4.2.3.1
4.3.3.1
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SYMBOL

CD
LE

(C DL)WB

(CD lmin

toC D .
min

2.1-62

DEFINITION

zero-lift drag of body exclusive of the base drag, based on body base area

compressible skin-friction drag coefficient of horizontal stabilizer, based on
tolal horizontal stabilizer area

compressible skin-friction drag coefficient of vertical stabilizer. based on
vertical stabilizer area to body center line

compressible skin-friction drag coefficient of wing, based on total wing area

horizontal-tail drag
drag coefficient of horizontal stabilizer,

horizontal-tail-body drag at stall angle of attack

induced-drag coefficient

drag coefficient due to lift

increment in drag due to lift resulting from a breakdown in leading-edge
suction at lift coefficients above parabolic-drag-polar region

pressure-drag coefficient of a swept, cylindrical leading edge

change in drag due to lift caused by ground effect

drag due to lift of the wing, based on total wing area

drag due to lift of a wing-body configuration

minimum drag coefficient

increment in minimum drag coefficient due to control-surface or flap deflection

minimum drag coefficient for undeflected control or flap

wave-drag coefficient of spherically blunted noses

SECTIONS

4.2.3.1
4.2.3.2
4.3.3.1
4.5.3.1
4.5.3.1

4.5.3.1

4.3.3.1
4.5.3.1

4.5.3.2
4.6.2

4.5.1.3

6.1.7

Several

4.1.5.2

4.1.5.1
4.3.3.1

4.7
4.7.4

4.3.3.2

4.3.3.2

6.1.7

6.1.7

6.1.7

4.2.3.1
4.3.3.1
4.5.3.1



SYMBOL

CD
wave

CD WB

DEFINITION

reduction in forebody wave-drag coefficient of a body of revolution with an
eUiptic cross section

wave-drag coefficient of conical or ogive-profile nose, based on maximum
frontal area of nose

power-off drag coefficient based on free-stream velocity and wing area,
drag

Q_S

subsonic pressure-drag coefficient

pressure-drag coefficient of any of n segments of a body

pressure-drag coefficient of given body segments

incremental drag coefficient of horizontal stabilizer including both
zero-lift and induced drag

viscous drag coefficient due to lift

supersonic wave-drag coefficient of the body

wave-drag coefficient

increment in wave-drag coefficient due to control deflection

zero-lift wave-drag increment at transonic speeds for un deflected control or
flap

wave-drag coefficient of the body

wing-body drag coefficient in absence of ground plane

SECTIONS

4.2.3.1

4.2.3.1
4.3.3.1
4.5.3.1

9.2
9.2.3

4.2.3.1
4.3.3.1
4.5.3.1

4.2.3.1

4.2.3.1

4.5.3.2

4.1.5.2

Several

6.1.7

6.1.7

6.1.7

4.3.3.1

4.7
4.7.4
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total zero-lift drag coefficient of body

incre:ment of zero-Uft drag coefficient due to flap deflection

SYMBOL DEFINITION

(c ) drag coefficient of a wing-body combination at angle of attacko WB

(C) wing-body drag coefficient in the presence of the ground
°WB G

(C) supersonic wave-drag coefficient of the horizonta~tailpanel
Ow H

CD maximum wavl>drag-coefficient increment for swept wing with /\.c/4 =n

wpeak 1\ = n
c/4

Co maximum wave--drag-coeffident increment for an unswept wing
w

peak /\ = 0
c/4

(C) supersonic wave-drag coefficient of the verticaJ..taii panel
Ow V

(C) supersonic wave-drag coefficient of the wing
Ow W

( CDoj' total drag-curve slope of the forward panel and body, including in terferences

(Coa)" total drag-curve slope of the aft panel and body, including interferences

(C O )6 drag coefficient for control surface or flap deflection

(c ) drag coefficient for zero control surface or flap deflection°•=0

Co 1. zero-lift drag coefficient
o

2. profile-drag coefficient of the wing at any given lift coefficient

increment of zero-lift wave-drag coefficient at transonic speeds

(COO'B

(ACo )
o flap

(AC) increment of zero-lift drag coefficient for the flap extended and immersed in
DO flaps the propeller slipstream

power on
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SECTIONS

4.3.3.2

4.7
4.7.4

4.5.3.1

4.1.5.1
4.3.3.1

4.1.5.1

4.5.3.1

4.3.3.1
4.5.3.1

4.5.2.1

4.5.2.1

6.1.7

6.1.7

Several

7.1.3.2
7.1.3.3
7.3.2.2

4.1.5.1
4.3.3.1
4.5.3.1

4.3.3.1
4.5.3.1

4.6.4

4.6.4



SYMBOL

(COO)H

(COO)j'(COO)O

(coot
o

(COO)M
I

(<lC O )
o power

on

(<lCO )o•
(COO)y

(COO)W

(COO)WB

DEFINITION

zero-lift drag coefficient of horizontal stabilizer, based on total horizontal·
stabilizer area

zero-lift drag coefficients of wing inboard and outboard panels, respectively

zero-lift dras coefficient of lifting surface

zero~lift drag coefficient at drag-divergence Mach number

zero-lift drag coefficient at initial drag~rise Mach number

increment of zero-lift drag for propeller power

increment of skin·friction zero-lift drag coefficient due to propeller slipstream

zero~lift drag coefficient of vertical stabilizer, based on vertical.-stabilizer area
to body center line

zero··lift drag coefficient of wing, based on total wing area

zero-lift drag coefficient of wing-body combination

drag coefficients of various compon~nts of body

control-force coefficient

corrected control-force coefficient

Fx
1. ne.gativwrag coefficient based on free-stream velocity and wing area, 

q_S

2. duct negati~dragcoefficient based on freOostream velocity and duct
Fx

planform area,

SECTIONS

4.5.3.1
4.5.3.2

4.1.5.1
4.3.3.1

4.5.3.1

4.5.3.1

4.5.3.1

4.6.4

4.6.4

4.5.3.1
4.5.3.2

4.3.3.1
4.5.3.1

4.3.3.1
4.3.3.2
4.5.3.1
4.5.3.2

4.2.3.1

6.3.2

6.3.2

9.2

9.3
9.3.2
9.3.3
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SYMBOL

C "F,

c'
J

(C )'
L

C /I

L

CLbasic

CL break

2.1-66

DEFINITION

negative·drag coertlcient based on slipsueam velocity and

F,
wing area, --

q"S

external duct negative-<irag coefficient based on free-stream velocity and duct

F
"

planform area,

three-dimensional trailing-edge jet momentum coefficient for jet-flap configurations

three-dimensional trailing~ge jet momentum coefficient, based on blown-flap affected area

lift
l. lift coefficient, 

qS

lift
2. duct lift contribution, -

q_SD

I. increment in lift due to leading-edge vortex at particular angle of attack (see
Sketch (b), Section 4.1.3.2)

2. increment in lift beyond the lift coefficient at cvbreak

3. increment of wing lift coefficient due to flap or control·surfacedeflection

lotallift coefficient of the forward panel and body, including wing-body
inteTference

lift
lift coefficient based on slipstream velocity, 

q"S

total lift coefficient of the afl panel, including wing-body interferences

lift coefficient of a body with elliptical cross section

basic wing lift coefficient excluding leading.edge vortex-induced effects

lift coefficient where lift curve becomes nonlinear

"critical" lift coefficient, where drag-due-to-lift factor is no longer a constant

lift increment due to control surface

conical-camber design lift coefficient for a M = 1.0 design with the designated camber
ray line intersecting the wing trailing edge at 0.8 b/2

lift coefficient resultin,g from external mass flow

lift coefficient of the exposed forward panel

SECTIONS

9.2
9.2.3

9.3
9.3.1
9.3.3

6.1.4.1
6.1.4.2
6.1.4.3
6.1.5.1

6.1.4.1
6.1.4.2

Several

9.3
9.3.1
9.3.2

4.1.3.2
4.1.4.3

4.1.3.3

6.1.4.1
6.1.5.1

4.5.2.1
7.4.1.1

9.2
9.2.1

4.5.2.1

4.2.1.2

4.1.4.3

4.1.3.3

4.1.5.2

6.3.4

4.3.2.1

9.3
9.3.1
9.3.2

4.5.1.2



SYMBOL

f(C L ) J"L max base
e

DEFINITION

increment in wing lift coefficient due to symmetric flap deflection
in absence of ground plane

wing-body lift coefficient including flap effects in absence of ground plane

empirical factor accounting for flap effects in the presence of the ground

lift-coefficient oorrection term

increment in wing or horizontal tail lift due to the presence of the ground
plane

h011Z0n tal-tail lift
lift coefficient of horizontal tail.

increment in lift coefficient due 10 horizontal tail

increment in horizontal-tail lift in the presence of the ground

horizontal-tail-body lift in presence of the wing, body, and vertical tail

lift coefficient resulting from internal mass flow

rate of change of lift coefficient with wing incidence (fuselage
angle of attack held constant)

maximum lift
maximum lift coefficient,

qS

I. increment in wing maximum lift coefficient accounting for Mach-number
effects

2. increment in wing maximum lift coefficient due to propeller power

3. increment in wing maximum lift coefficient due to flap deflection

maximum lift coefficient of a wing as determined by the low·aspecHatio method

base value of parameter

subsonic maximum lift coefficient of exposed aft panel

maximum lift coefficient for exposed wing

SECTIONS

4.7
4.7.1

6.1.7

"'1.1

4.7
•.7.1

7.1.4-.1
7.3.4.1

4.7

4.5.3.2
4.6.3
4.7.1
6.3.4

4.6
4.6.1

4.7
4.7.3

4.5.1.3

9.3
9.3.1
9.3.2

4.3.1.2

Several

4.1.3.3
4.1.3.4

4.6
4.6.2

6.1.4.3

4.1.3.3

4.1.3.3
4.1.3.4

4.5.1.2

4.1.3.4
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SYMBOL

(CLmax)WB

(IlCL )
Nj

CLnonlinear

(IlC L )
power
on

2.1-68

DEF1NlTlON

maximum lift coefficients of exposed forward and aft panels, respectively

increments in wing maximum lift coefficients accounting for Mach number
effects on the forward and aft panels, respectively

value of parameter for wing

maximum lift coefficient for wing-body

increment in lift coefficient acting at jet-engine inlet due to inclination
of thrust axis to oncoming flow

increment in lift coefficient due to inclination of propeller plane to
oncoming flow

lift coefficient above point where the lift curve ceases to be linear

power-off lift coefficient based on free-stream velocity and wing
L

lift coefficient due to propeller effects

lift coefficient of conftguration, power off

increment in lift coefficient due to propeller power

cJCL
pitching derivative, ---

cJt::J
increment in lift coefficient due to change in dynamic pressure behind propeller

value of pitching derivative referred to body axes with origin at wing
aerodynamic center

value of pitching derivative referred to body axes with origin at wing
leading-edge vertex

contribution of the body to pitching derivative CLq

SECTIONS

4.1.5.2

4.1.5.2

4.3.1.4

4.3.1.4
4.5.1.3

4.6
4.6.1
4.6.4

4.6
4.6.1
4.6.3

4.1.3.3

9.2
9.2.1
9.2.3

4.6
4.6.4

4.6.1

4.6.1
4.6.2

Several

4.6
4.6.1
4.6.3

7.1.1.1
7.1.1.2
7.3.1.1

7.1.1.1
7.1.1.2

7.3.1.1
7.4.1.1



SYMBOL

(CLq)W

(CLq)WB

CL s

.:lC
Lnim

CLWB

(.:lCL )
WB G

C
LW" (v)

DEFINITION

contribution of the exposed wing to the pitching derivative CLq

contributions of exposed forward and aft panels. respectively. to the pitching

derivative CLq

contribution of the wing to the pitching derivative CLq

contribution of the wing-body combination to the pitching derivative CLq

lift coefficient of surface to which the main control surface is attached

increment in lift coefficient, accountin~ for the direct influence of the wing shock
expansion field

increment in lift coefficient due to angle of attack of thrust axis

lift IOlis due to tab

incremental lift coefficient required for trim

vertical·taillift coefficient

1. wing lift coefficient with power effects

2. wing lift coefficient. including tab and control deflections

wing-body lift coefficient in ab.umce of ground plane

increment in wing-body lift coefficient in the presence of the ground

contribution to the lift coefficient due to the effect of the forward-surface vortices
on the aft surface

lift-eurve slope, rate of change of )jft coefficient with angle of attack, deL
da

increment in lift-<:urve "lope

in<:rement in wing lift coefficient due to change in angle of attack induced by propeller
flow field

lift coefficient where 0: '" 0

1. complete lift-eurve slope of forward panel and body. including interferences

2. lift-curve slope of forward panel

1. lift-eurve slope of aft panel, including wing-body interference effects

2. Iift-curve slope of aft panel

SECTIONS

7.3.1.1
7.3.1.2

7.4.1.1

7.3.1.1

7.3.1.1
7.4.1.1

6.3.4

4.4.1

4.6
4.6.1
4.6.4

6.3.4

4.5.3.2

6.3.4

4.6
4.6.4

6.3.4

4.5.3.2
4.7
4.7.3

4.7
4.7.3

4.5.1.2

Several

4.3.1.2

4.6
4.6.1
4.6.3

4.1.3.3

4.5.2.1

4.5.1.2
7.4.4.1

4.5.2.1

4.5.1.2
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SYMBOL

(CL,),

(CLJB

(CL.) b

(CLJB(W) or

CL
·B(W)

(CL.).

(c )' (C )"LCI'c'Lo: e

(CLJfb

(CL.Hl.

(CL.J
MH

(CL )
·H M

DEFINITION

value of the derivative at M
a

lift-curve slope of body

value of the derivative at Mb

low-lift-region lift-curve slope, including thickness effects

lift-curve slope of body in presence of wing

value of the derivative at a given lift coefficient

lift·curve slope of the exposed wing

lift-.eurve slopes of the exposed forward and aft panels, respectively

value of derivative at Mfb

lift-curve slope of the horizontal surface

Jift-curve slope of the exposed horizontal surface

lift-curve slope of the horizontal tail operating at the local Mach number of the flow in
the vicinity of the horizontal tail

lift-eUlve slope of the isolated horizontal tail at the frce-stream Macb number

Iift-<:urve slope of the inboard panel of wing

limiting value of Iift-<:urve slope

SECTIONS

4.1.3.2

7.3.1.1
7.3.4.1

4.1.3.2

4.1.3.2 .
4.1.4.3

4.3.2.2
4.5.2.1
4.5.3.2

5.1.2.2
7.1.2.2
7.3.2.2

Several

Several

4.1.3.2

Several

6.2.1.2

4.5.1.2

4.5.1.2

4.1.4.2
5.1.2.1

4.1.3.2

(CL ) or lift-curve slope at low speeds
• low

speed

(
dCL)

da low
speed

4.4.1

value of derivative at a given Mach number Several
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SYMBOL

(
dC l )

dO! M

(Cla):

(ClJp

(ClJp<ed

(ClJw" (v)

(Cla).

DEFINITION

lift-curve slope at high subsonic Mach numbers

value of derivative at the critical Mach number

value of derivative for nose of body

power-off lift-curve slope

lift-eurve slope of the constructed au tboard panel of wing

lift-<:UIve slope of isolated vertical panel mounted on a reflection plane

lift·curve slope of cranked wing, predicted by double-delta-wing method

value of derivative derived from theory

lift-curve slope of isolated lower vertical panel mounted on a reflection plane (the
aspect ratio is taken as twice the aspect ratio defined by the average exposed span
and exposed area)

1. lift-curve slope of isolated upper vertical panel with effective aspect ratio defined
by Equation 5.3.1.1-a

2. lift-curve slope of isolated upper vertical panel mounted on a reflection plane (the
aspect ratio is taken as twice the aspect ratio defined by the average exposed span
and exposed area)

Jift-eurve slope of the wing

lift-eurve slope of the wing-body combination

lift-eurve slope of wing in presence of body

lift-curve slope of the exposed wing in presence of body

contribution to the Iift-eurve slope due to the effect of the forward-surface vortices
on the aft surface

lift<urve slope of flap-deflected wing

SECTIONS

4.4.1

711.2

Several

9.2.1

4.14.2
5.1.2.1

5.3.11

4.1.3.2

4.1.3.2

Several

5.3.1.1
5.6.1.1

Several

4.3.1.2
4.3.1.3
4.3.3.2

4.2.2.1
4.3.1.2
4.7
4.7.\

4.3.2.2·
4.5.2.\

4.3.1.2

Several

6.1.4.2
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DEFINITION

lift-curve slope of flap-retracted wing

SECTIONS

6.1.4.2

totallift-curve slopes between CL and CL ,and beyond CL ,respectively, (see
II III III

Sketch (b), Section 4.1.3.2)

4.1.3.2
4.1.4.3

( CLQ)test

(CL.)pred

(CLolB

( CL.)e

(Cd~

(CL.Jw

(CL.)WB

(CL.!I' (CL.)2

CL ,CLII III

2.1-72

incremental increase in lift-eurve slopes starting at CL and C
L

,respectively, (see
11 III

Sketch (b), Section 4.1.3.2)

correction factor for subsonic lift-eurve slope of cranked wings

aCL
change in lift coefficient with variation in rate of change of angle of atrack, .t.. c )

. V~

value of derivative for body

value of derivative for exposed wing

contribution of exposed aft panel to acceleration derivative CL&

value of derivative for wing

value of derivative for wing-body combination

components of the wing contribution to CL'
•

rate of change of lift coefficient with wing flap deflection at constant angle of
dCl

attack, "'d'""6

lift-effectiveness of one symmetric, straight-sided flap, based on flap area

increment in lift due .to inflow velocity of the flow surrounding the jet

breaks in liCt-eurve slope (see Sketch (b), Section 4.1.3.2)

1. normal-force coefficient,-!!.
qS

2. normal-force coefficient, _N__
pn2 0 4

4.1.3.2

4.1.3.2

Several

7.3.4.1
7.4.4.1

7.3.4.1
7.3.4.2

7.4.4.1

7.3.4.1

7.3.4.1
7.4.4.1

7.1.4.1

6.1.4.1
6.1.5.1

6.1.4.1
6.1.5.1
6.2.1.1

4.6
4.6.1
4.6.3

4.1.3.2
4.1.4.3

Several

9.1



SYMBOL

l>CN

DEFINITION

1. increment in normal·forcc coefficient

2. increment in coefficient due to jet-pressure interference on vehicle surfaces

SECTIONS

6.3.1

4.6.1

N
2. normal-force coefficient based on free-stream velocity and propeller disk area, --

q. Sp

C'
N 1. pseudonormal-Coree coefficient defined by the equation eN

coso
4.1.3
4.1.3.3
4.1.3.4
7.4.1.1
9.1

ratio of normal-force coefficient for body of noncircular cross section to that
for an equivalent body of circular cross section (same cross-sectional area)
as determined by Newtonian impact theory

ratio of normal-force coefficient for body of noncircular cross section to that
for an equivalent body of circular cross section (same cross-sectional area) as
determined by slender-body theory

pseudonormal-force coefficients at

respectively

C
L

for exposed forward and aft panels,
max

4.5.1.2

4.2.1.2
4.2.2.2

4.2.1.2
4.2.2.2

coefficient for cone-cylinder

coefficient for exposed wing

increment in coefficient due to body flare

coefficient for nose

increment in coefficient due to body nose

propeller normal-force coefficient

4.2.1.2
4.2.3.2

4.3.1.3
4.3.1.4

4.2.1.2
4.2.3.2

4.3.1.3
4.3.1.4

4.2.1.2

4.6
4.6.4

pitching derivative, 7.2.1.1

value of derivative for forward panel

coefficient for wing

contribution to the normal-force coefficient due to the effect of the forward-surface
vortices on the aft surface

deN
1. rate of change of normal~forcecoefficient with angle of attack, --

. da

2. value of derivative for forward panel

3. value of derivative for propeller

7.2.1.1
7.2.1.2

4.3.1.3

4.5.1.2

Several

Several

9.1.3
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SYMBOL

(CN.L

(CN.)E

(CN.),

(CN.l:fN.):
[(CNJl

[(CN.) eJ theory

~CNJ. 'heorl

(C>C N )"• I·

(CN.)g

(CN·H)e

(CN.),

C'
NO'in

(CN.)N

(CN.)~

(CN.)p

2.1-74

DEFINITION

increment in normal-Corce-curve slope of a boattail following a semi-infinite cylinder

I. value of derivative for the body

2. value of derivative for the body nose, based on nose frontal area

value of derivative for the body in presence of the wing

normal-force-curve slope of the basic wing

value of derivative for trailing-edge extension of double-delta and cranked wings

value of derivative for exposed wing

normal-force-curve slopes of the exposed forward and aft panels, respectively

normal·force-curve slope of exposed inboard panel of wing

theoretical value of derivative for exposed wing

theoretical value of normal-force-curve slope of exposed inboard panel of wing

increment in normal-force-curve slope of a flared body of revolution following a
semi-infinite cylinder

normal-force·curve slope of glove of double-delta and cranked wings

normal-foree-curve slope of the exposed horizontal surface

normal-force·curve slope of inboard panel of wing

propeller normal-foree-curve slope with respect to inflow angle of attack at propeller
disk

normal-foree-curve slope of nose of body based on total wing area

normal-farce-curve slope of constructed outboard panel of wing

I. propeller normal-force derivative

2. normal-foree-curve slope of isolated vertical panel mounted on a reflection plane

SECTIONS

4.2.2.1

5.2.1.1
7.3.1.1
7.3.1.2
7.3.4.1

4.3.2.2

4.3.2.2

4.1.3.2
5.1.2.1

4.1.3.2

4.3.1.3
4.3.1.4
4.3.2.2
7.3.1.1
Several

4.3.2.2

4.3.1.2

4.3.2.2

4.2.1.1
4.2.2.1

4.1.3.2
5.1.2.1

6.2.1.2

4.1.4.2

9.1.3

4.3.1.2
4.3.2.2

4.1.4.2

4.6
4.6.1
4.6.4

5.3.1.1



SYMBOL

(CN )
Qf theory

~CNJtheorJ.

[(CN.)theo,Ji

[(CNJheorJ~

DEFINITION

propeller normal-force derivative for KN=80.7

theoretical value of derivative

theoretical value of normal-force-curve slope of exposed wing

theoretical value of normal·force-curve slope of inboard panel of wing

theoretical value of normal-force-curve slope of constructed outboard panel of
wing

normal· force-curve slope of isolated lower vertical panel mounted on a reflection
plane (the aspect ratio is taken as twice the aspect ratio determined by the
average exposed span and exposed area)

normal·force-curve slope of isolated upper vertical panel mounted on a reflection
plane (the aspect ratio is taken as twice the aspect ratio detrmined by the
average exposed span and exposed area)

normal-force-curve slope of exposed wing in presence of the body

normal-foree-curve slopes for constructed panels of non-straight-tapered wings

linear normal-force..curve slope for propeller

nonlinear increment in normal-force coefficient

incremental value of coefficient

value of coefficient at end of shock-detachment transition region

value of coefficient at incipient shock separation

increments in coefficient at CL for exposed forward and aft surface,
respectively max

incremental values of coefficient for exposed forward and a"ft panels, respectively

SECTIONS

4.6
4.6.1

Several

4.3.2.2

4.1.4.2

4.1.4.2
4.3.2.2

Several

Several

4.3.2.2

4.1.3.2
5.1.2.1

9.1.3

4.1.3.3
4.1.3.4
4.3.1.3
4.1.3.3

4.1.3.3

4.1.3.3

4.5.1.2

4.5.1.2
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SYMBOL

(CNQQL

~CN.J,.J:

~CN••),.J:
[(CN..l,.JWB

(IlCN..)WB

( CN·.l
90

(CNJB

(CNJ,

(CN")WB

~CN,,) J.
~CNJJ,

(CN;): '

(CNJ,

(CN;): '

(CN~r,

2.1-76

DEFINITION

increment in coefficient al CLmax

values of derivatives at CL for exposed forward and aft panels, respectively
max

value of derivative for wing-body combination

theoretical value of coefficient

value of increment for wing-body combination

value of coefficient Co:' = 90°

rate of change of normal-force coefficient with rate of change in angle of attack

value of derivative for body

value of derivative for exposed wing

value of derivative for wing-body combination

components to the exposed-wing contribution eN .
•

pseudo normal-force coefficients of the exposed forward panel

pseudonormaJ-force coefficients of the exposed aft panel

T
thrust coefficient, 24

pn D

SECTIONS

4.1.3.3

4.5.1.2

4.3.1.3

4.1.3.3

4.3.1.3

4.1.3.3

7.2.2.1

7.3.4.1

7.3.4.1

7.3.4.1
7.4.4.1

7.3.4.1

4.5.1.2

4.5.1.2

9.1
9.1.1
9.1.3



SYMBOL

(C )
X 0',,*180°

C
YHVU(B)

C
YHVU(WB)

Cy
U

Cy
V

DEFINITION

axial-force coefficient

axial-force coefficient at zero angle of attack

axial-force coefficient at a == 1800

total side-force coefficient

side·force coefficient of body

side-force coefficient of horizontal tail in the presence of the body

side-force coefficient of empennage on tail-body configuration

side·force coefficient of empennage on wing-body-tail configuration

dey
rotary derivative, ----

dC:~)
wing-body contribution to the derivative

increment in derivative due to geometric dihedral

rotary derivative, ----

dC~J
wing-body contribution to the derivative

side-force coefficient of ventral fill on tail-body configuration

side-force coefficient of ventral fill due to interference and crosHoupling
of 0: and II

side-force coefficient of ventral fm on wing-body-tail configuration

side-force coefficient of upper vertical tail on tail-body configuration

SECTIONS

4.2.3.2

4.2.3.2

4.2.3.2

Several

5.2.1.2
5.2.3.2

5.3.1.2
5.3.3.2
5.6.1.2
5.6.3.2

5.3.1.2

5.6.1.2

Several

7.4.2.1

7.1.2.1

7.1.3.1
7.1.3.2
7.3.3.1
7.4.3.1

7.4.3.1

5.3.1.2
5.3.3.2
5.6.1.2

5.3.1.2
5.6.1.2

5.6.1.2
5.6.3.2

5.3.1.2
5.3.3.2
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SYMBOL

Cy
WB

C
YWBHVU

(Ll.C Y ~) H(BW)

(Ll.C y ~)H(BWU)

2.1-78

DEFINITION

side-force coefficient of upper vertical tail due to interference and cross-coupling
ofo:and{J

side· force coefficient of upper vertical tail due to body vortices

side·force coefficient of upper vertical tail on wing-body-tail configuration

side-force coefficient of wing-body configuration

side-foree coefficient of the wing in the presence of the body

side·force coefficient of wing-body-tail configuration

dey
rate of change of side force with sideslip angle, -

~

value of derivative for body

increment in Cy due to the horizontal tail in the presence of the wing and
body f3

increment in Cy due to the horizontal tail in the presence of the wing, body.
~

and lower vertical tail

increment in Cy due to the horizontal tail and upper vertical tail in the
~

presence of the wing, body, and lower vertical tail

increment in Cy due to panel in empennage
~

value of derivative for lower vertical panel

increment inCy due to lower vertical stabilizer in presence of wing, body,
~

horizontal tail, and upper vertical stabilizer

value of derivative for upper vertical panel

increment in Cy due to the upper vertical tail in the presence of the wing,
~

body, lower vertical tail, and horizontal tail

lift-curve slope of equivalent rectangular vertical panel

SECTIONS

5.3.1.2
5.6.1.2

5.3.1.2
5.6.1.2

5.6.1.2
5.6.3.2

5.2.1.2
5.6.1.2

5.2.1.2
5.2.3.2

5.6.1.2

Several

5.2.1.1
5.3.1.1
5.6.1.1

5.3.1.1
5.6.1.1

5.3.1.1

5.3.1.1

Several

Several

Several

Several

Several

5.3.1.1
5.6.1.1



SYMBOL

(Cr)H

(Cr),(Cr)
I 0

(Cd
me

(Cr)
p

(crl
V

(Cel
w

DEFINITION

increment in Cy due to upper vertical stabilizer in presence of wing, body, and
~

horizontal tail

value of derivative for wing

value of derivative for wing-body combination

increment in Cy due to geometric dihedral
~

skin-friction coefficient for incompressible flow

turhulent flat-plate skin· friction coefficient of the body including toughness
effects

skin-friction coefficient for compressible flow

turbulent flat-plate skin-friction coefficient of the horizontal-tail panel

skin-friction coefficients for incompressible flow af wing inboard and outboard
panels, respectively

incompressible, turbulent, Oat-plate skin-friction coefficient, including roughness
effects, as a function of Reynolds number based on total body length

turbulent flat-plate skin-friction coefficient based on the MAC of the exposed
tail panel

turbulent flat-plate skin-friction coefficient of the vertical-tail panel

turbulent flat-plate skin-friction coefficient of the wing including roughness
effects

twbulent flat-plate skin-friction coefficients of the wing inboard and outboard
panels, respectively, including roughness effects

vacuum-thrust coefficient

hinge moment
hing~momentcoefficient,

qSCCr

hinge-moment coefficient of control surface

hinge-moment coefficient of control tab

rate of change of hinge moment with angle of attack at constant flap or
dCh

control deflection, --
do

SECTIONS

Several

5.2.1.1

5.2.1.1
5.2.1.2
5.6.1.1

5.2.1.1
5.6. I.I

Several

4.3.3.1
4.5.3.1

4.2.3.1
7.4.1.1

4.1.5.1

4.2.3.1

4.5.3.1

4.5.3.1

4.3.3.1
4.5.3.1

4.3.3.1

6.3.2

6.1.3.2

6.3.4

6.3.4

6.1.6
6.1.6.1
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SYMBOL

(Cha)t/C

(Cha)'/c =0

DEFINITION

increment in derivative Bccountiag for induced-camber effects

hinge-moment derivative for a symmetric, straight-sided control, based on twice
the area-moment of the control about its hinge line

supersonic flat-plate hinge-moment derivative

rate of change of hinge moment with control-mIfaee deflection at constant angle

d'1t
of attack, -

d6

increment in deriv~tive due to> induced-camber effects

value of derivative for zero-thickness control surface

SECTIONS

6.1.6.1

6.1.6.1

6.1.6.1

6.1.6
6.1.6.2

6.1.6.2

6.1.6.2

rolling-moment coefficient,
rolling moment

qSb
Several

(<lCI )
p drag

tC/p)H

(Clp)WB

(Clp)r

C 2
L

2.1-80

de!
rotary derivative ----

d(2~J
value of derivative at a given liit oocfficient

increment in derivative due to drag

horiZontal·tail contrillution to the derivative

wing-body conuibution to the derivative

contnoution to derivative due to geometric dihedral

derivative at zero lift of wing witkout dihedral

drag-du~to-Iift rolk1amping parameter

Several

7.1.2.2
7.3.2.1
7.3.2.2
7.4.2.2

7.1.2.2
7.4.2.2

7.4.2.2

7.4.2.2

7.1.2.2
7.3.2.1
7.3.2.2
7.4.2.2

7.1.2.1
7.1.2.2
7.4.2.2

7.1.2.2
7.4.2.2



SYMBOL

IiC,
r

(IiC, )
r CL

(IiCd side
force

IiC,
r

8

C,
g

IiC,
g

(IiC'g)p

(IiC,~)u

(C,~)v

(CI~)WB

(&lCI )
~ 7W

DEFINITION

roll-dampinl parameter at zero lift

rotary derivative,---

i~-)\2V..
increment jn derivative due to geometric dihedral

semiempirlcal correction factor used to extrapolate potentiaJ.flow values of C,
to hlaher Uft coefficients r

Increment In derivative due to winl side force

winl..body contribution to the derivative

increment in C, due to dihedral
r

increment in C1 due to wing twist
r

dC,
rate of chlnse of rollins moment with sideslip anale,

dg

difference between calculated and test values of the derivative

increment in C/ due to panel present in empennage
~

increment in C, for lower vertical panel
~

\oIlue. of derivative for upper vertical panel

value of d"rivative for wing-body combination

increment in derivative due to wing heiJht

SECTIONS

7.1.2.2

7.1.3.2
7.3.3.2
7.4.3.2

7.1.3.2

7.1.3.2

7.1.3.2

7.4.3.2

7.1.3.2

7.1.3.2

Several

5.1.2.1

5.3.2.1
7.4.3.2

5.3.2.1

5.3.2.1

5.2.2.1
5.6.2.1

5.2.2.1
5.6.2.1
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SYMBOL

e tan Ac/4

2.1-82

DEFINITION

contribution of wing aspect ratio to C1
~

contribution of wing sweep to Cr
~

contribution of sweep of inboard panel of wing to C/
~

contribution of sweep of constructed outboard panel of wing to C,
~

dihedral effect on C/ for uniform geometric dihedral
~

value of parameter at a given lift coefficient

wing·twist correction factor

rolling-moment·due-to-sideslip parameter for any symmetric, spanwise
distribution of dihedral angle

del
rate of change of rolling moment with control deflection,-

d6

rolling·moment effectiveness of one symmetric, straight-sided control about its
root-ehord line

value of derivative for control deflection perpendicular to the hinge line

pitching moment
1. pitching-moment coefficient, '---....::'---

qSc

M
2. duct pitching~momentcoefficient, --

Q"",SOc

SECTIONS

5.1.2.1
5.2.2.1
5.6.2.1

5.1.2.1
5.2.2.1

5.1.2.1

5.1.2.1

5.1.2.1

5.1.2.2
5.6.1.2

5.1.2.1

5.1.2.1

Several

6.1.5.1
6.2.1.1

6.2.1.1

Several

9.3



SYMBOL

AC'm

(

dCm\

dCLJ.heOry

!(ACm)HL]"CA

!(ACm)HL]"C N

(ACmH)q

DEFINITION

1. increment in pitching·moment coefficient about root-<:hord midpoint due to leading-edge

vortex

2. increment in pitching-moment coefficient

pitching-moment coefficient of body having elliptical ClOSS sections

dC m
pitching-moment derivative,-

dCL

ratio of pitching-moment increment to Uft increment for a full-span flap on a

rectangular wing

wing pitching-moment-curve slope uncorrected for thickness effects

increment in coefficient due to flaps at constant angle of attack

increment in pitching-moment coefficient in the presence of the ground

total change in pitching-moment coefficient of horizontal tail

increment in horizontal-tail pitching moment in the presence of the ground

increment in pitching moment about the hinge line due to axiaHorce increment

increment in pitching moment about the hinge line due to normal-force increment

increment in coefficient due to change in dynamic pressure at horizontal tail due
to propeller-power effects

SECTIONS

4.1.4.3

6.1.5.1
6.3.1

4.1.4
4.1.4.2
4.3.2.2

6.1.5.1

4.1.4.2

6.1.5.1

4.7
4.7.3
4.7.4

4.6
4.6.1

4.7
4.7.3

6.3.1

6.3.1

4.6
4.6.1
4.6.3

horizontal-taU pitching moment at staD angle of attack

increment in coefficient due to change in downwashat horizontal tail due to
propeller-power effects

4.5.1.3

4.6
4.6.1
4.6.3

increment in coefficient due to change in wing lift caused by propeller power

sum of wing section pitching-moment increments

4.6
4.6.3

6.1.5.1
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SYMBOL

(aC
m MRP

(C mq ):

(Cmq)M

(Cmq)M
cr

(Cmq)W

(Cmq)WB
(aCmh
aC

ffitrirn

2.1-84

DEFINITION

increment in pitching moment about vehicle moment reference point

increment in coefficient due to normal force acting at jet inlet due to inclination
of oncoming flow to thrust axis

increment in coefficient due to propeller normal force

pitching-moment coefficient correction term

total increment in vehicle pitching-moment coefficient at a given angle of attack
due to propeller power effects

increment in coefficient due to change in propeller-slipstream dynamic pressure

rotary derivative,

O(2~J
1. value of derivative referred to body axis with origin at wing aerodynamic center

2. pitching derivative of body segment based on base area and base diameter
and referred to moment center at forward face of segment

value of derivative referred to body axis with origin at wing leading-edge vertex

value of derivative for body

value of derivative for exposed wing

value of derivative for exposed forward panel

value of derivative at given Mach number

value of derivative at the critical Mach number

value of derivative for wing

value of derivative for wing·body combination

increment in coefficient due to direct thrust force

incremental pitching-moment coefficient required for trim

pitching moment
win~body pitching-moment coefficient,

SECTIONS

6.3.1

4.6.3

4.6
4.6.3

7.104.2
7.3.4.2

4.6.3

4.6
4.6.3

Several

7.1.1.2

7.2.1.2

7.1.1.2

7.3.1.2
7.4.1.2

7.3.1.2

7.3.1.2
7.4.1.2

7.1.1.2
7.3.1.2

7.1.1.2

7.3.1.2

7.3.1.2
7.4.1.2

4.6
4.6.3

4.5.3.2

4.5.3.2



SYMBOL

C "m·a

(Cma)B

(Cm • )
, a e

(CmJ~

(CmX

(CmJw

(CmJWB

(Cmj,(CmJ2

~CmJl]"

~Cma)2]e

DEFINITION

increment in wing~body pitching moment in the presence of the ground

wing-body pitching moment at stall angle of attack

rate of change of pitching-moment coefficient with angle of attack at constant
dCm

flap deflection,--
da

pitching-moment-curve slope for body segment

value of derivative for body

rate of change of pitching-moment coefficient with rate of change of angle

Clc
m

of attack,---

Cl(~:J
value of pitching derivative referred to body axis with origin at wing leading-edge
vertex

contribution of body to acceleration derivative em.
a

contribution of exposed wing to acceleration derivative Cm.
a

contribution of exp~)Sed forward panel to the acceleration derivative em_
a

contribution of exposed aft panel to the acceleration derivative C
rna

contribution of wing to acceleration derivative Crna

contribution of wing-body combination to acceler:ttion derivative Cm.
components of the wing contribution to em.

a

components of the exposed wing contribution to Crna

rate of change of pitching-moment coefficient with control or flap deflection at
dCm

constant angle of attack,--
d.

pitching-moment effectiveness for one symmetric, straight-sided control.-based on twice
its moment-area about the hinge line

SECTIONS

4.7
4.7.3

4.5.1.3.

Several

4.2.2.1
7.2.1.2

4.3.2.1
7.3.1.2
7.3.4.2
Several

7.1.4.2

7.3.4.2
7.4.4.2

7.3.4.2

7.4.4.2

7.3.4.2

7.3.4.2

7.3.4.2
7.4.4.2

7.1.4.2
7.3.4.2

7.3.4.2

6.1.5.1

6.1.5.1
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SYMBOL

(ColO) .
wlng
body

(CmO)M

(COl O)M=O

C
"HVU(B)

C
"HVU(WB)

2.1-86

DEFINITION

inClement in coefficient due to jet interference effects at the horizontal tail

pitching-moment coefficient at zero lift

increment in pitching-moment coefficient at zero lift due to linear twist

pitching-moment-coefficient correction term

pitching-moment coefficient at zero lift for portion of vehicle not.immersed in
propeller slipstream

body zero-lift pitching-moment coefficient without Mach-number effects

pitching-moment coefficient at zero lift of portion of vehicle immersed in propeller
slipstream

zero-lift pitching-moment coefficient uncorrected for thickness effects

wing zero-lift pitching-moment coefficient

zero-lift pitching-moment coefficient of the wing-body combination

pitching-moment coefficient at zero lift of untwisted, constant-section wing

Mach-number correction factor

N.
yawing-moment coefficient,-

qSb

yawing moment due to aileron deflection

yawing-moment coefficient of body

yawing-moment coefficient of empennage on taU-body configuration

yawing-moment coefficient of empennage on wing-booy-tail configuration

rotary derivative,----

d~2~bJ

SECTIONS

4.6.3

4.1.4.1
4.1.4.3
4.6.3

4J.4.1

7.1.4.2
7.3.4.2

4.6
4.6.3

4.3.2.1

4.6
4.6.3

4.1.4.1

4.3.2.1

Several

4.1.4.1

4.3.2.1

Several

6.2.2.1

5.2.3.2

5.3.3.2

5.6.3.2

7.1.2.1
7.3.2.1
7.3.2.2
7.4.2.3



SYMBOL

•

(
Cnp)

0: body
axis

Cn,

C 2
L

C
nYU(B)

CnWB

C
"WBHVU

(acnO)p

(aCnO)y

(CnO)W

(CnO)WB

DEFINITION

value of derivative for a given Mach number

wing-body contribution to the derivative

supersonic yawing moment due to rolling referred to stability axes with origin at
the center of gravity

supersonic yawing moment due to rolling referred to body axes with origin at the
wing apex

supersonic yawing moment due to rolling components - body axes

den

mta,y de<ivative, d(2~J
wing-body contribution to the derivative

low-speed profile-drag yaw-damping parameter

low-speed drag-due-to-Iift yaw-damping parameter

yawing-moment coefficient of vertical tail and ventral fin on tail-body configuration

yawing-moment coefficient of wing-body combination

yawing-moment coefficient of wing-body-taii configuration

den
rate of change of yawing moment with sideslip angle,-

dO

increment in C due to panel in empennage
nO

increment in C for vertical panel
nO

value of derivative for wing alone

value of derivative for wing-body combination

SECTIONS

7.3.2.3

7.4.2.3

7.1.2.3

7.1.2.3

7.1.2.3

7.1.3.3.
7.3.3.3
7.4.3.3

7.4.3.3

7.1.3.3

7.1.3.3

5.3.3.2

5.2.3.2
5.6.3.2

5.6.3.2

Several

Several

5.3.3.1

5.2.3.1

5.2.3.\
5.2.3.2
5.6.3.1

2.1-87



SYMBOL

Cn6

C
Pstag

(CpJ
,"c

(Cpo\

(Cp-lp
(CP.)

a

(CP-l
2

C.
k

C'
#

2.1-88

DEFINITION

den
rate of change of yawing moment with control deOection,-

d6

p - p.

pressure coefficient --
q.

sums of the pressure coefficients acting on the two sides of a given surface

base pressure coefficient

incipient pressure-rise coefficient

two-dimensional pressure coefficient

stagnation-pressure coefficient

plateau-pressure coefficient referred to local pressure upstream of interattion

incipient pressure-rise coefficient referred to local pressure upstream of interaction

peak value of pressure coefficient referred to local pressure upstream of interaction

maximum negative upper-surface section pressure coefficient

plateau-pressure coefficient

free-stream pressure o::oefficient

plateau-pressure coefficient referred to free-stream pressure

local pressure coefficient upstream of interaction referred to free·stream pressure

peak value of pressure coefficient referred to free-stream pressure

drag coefficient

lift contribution to wina section pitching-moment coemcient

section nondimensional trailing«ge jet momentum coefficient

section nondimensional trailina«ge jet momentum coefficient baJed 'On ex-tended
airfoil chord

SECTIONS

6.2.2.2

Several

5.3. I.l

4.2.3.1
4.5.3.1
4.6.4

6.3.1

6.1.6.1

4.2.1.2
4.2.2.2

6.3.1

6.3.1

6.3.1

4.1.3.2

6.3.2

6.3.1

6.3.1

6.3.1

6.3.1

6.3.2

6.1.5.1

Several

Several



SYMBOL

D. LOWER-CASE COEFFICENfS AND DERIVA11VES

DEFINITION

dra.
leetton draa coefficlent,-

qc

crost-now dna coefficient of circular cylinder of infinite lencth nOlmal to flow
diIectlon

airfoil-Retian dra. cOf!tficlent with flap deflected

lection hinae moment

nap section hinge mOttlent due to change in anale of attack

flap IeCti(\n hinge moment due to flap deflection

aection hlnae--moment derivative of controlsurrace due to tab deflection

tab section hinae moment due to chanle in 1"l1e of atbelt

section bin.e moment derivative of. tab due to control...urface deflection

tab section hinge moment due to tab deflection

tate of chanp of centro) section hinae.-moment coefficient with anale of attack at
d"h

control det1ection,-
cia

increment in derivative accountina: for finite control tblckne.. at .upenonlc ipeecb

binl_oment dOllvallve (lOe rap 6.1.3.1-3, Step 1)

binl_oment derivative (lOe r'lle 6.1.3.1-3. Step 2)

value of derivative for aerodynamically balanced control surface

value ot derivative uncorrected fOl' com!,reulbllity

value of derivative corrected for compressibility

theoretical vllue of derivative

SECTIONS

Seven)

Several

6.1.7

6.1.3.2

6.1.3.1

6.1.3.2

6.1.3.3

6.1.3.1

6.1.3A

6.1.3.2

6.1.3.1
6.1.3.2
6.1.6.1
6.1.6.2

6.1.3.1

6.1.3.1
6.1.6.1
6.1.6.2

6.1.3.1
6.1.6.1

6.1.3.1
6.1.6.1

6.1.3.1

6.1.3.1

6.1.3.1
6.1.6.1
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SYMBOL

tic

c~,

(Cho)balance

(St0) low speed

tic

c,

c,.
I

C .Qmax

2.1-90

DEFINITION

thickness-correction factor for symmetric, circular-arc airfoils

d'1t
rate of change of hinge-moment coefficient with control deflection,-

dO

increment in derivative accounting for thickness effects at supersor;aic speeds

hinge-moment derivative (see Page 6.1.3.2-3. Step 1)

hinge-moment derivative (see Page 6.1.3.2~4, Step 2)

value of derivative for an aerodynamically balanced control

value of derivative uncorrected for compressibility

value of derivative corrected for compressibility

theoretical value of derivative

thickness-correction factor for symmetric, circular-arc airfoils

lift
section lift coefficient, -

qc

increment in section lift coefficient due to flap or control deflection

design lift coefficient

section maximum lift coefficient

increment in section maximum lift coefficient due to flap deflection

increment in coefficient accounting for effect of camber for airfoils with maximum
thickness at 30% chord

increment in coefficient accounting for effect of camber for airfoils with maximum
thickness at positions other than 30% chord

increment in coefficient accounting for Reynolds-number effects

increment in ·coefficient accounting for airfoil-roughness effects

increment in coefficient accounting for Mach·number effects

SECTIONS

6.1.3.1

6.1.3.2
6.1.6.2

6.1.3.1
6.1.3.2

6.1.3.2

6.1.6.2

6.1.3.2
6.1.6.2

6.1.3.2
6.1.6.2

6.1.3.2

6.1.3.2

6.1.3.2
6.1.6.2

6.1.3.1

Several

Several

Several

Several

6.1.1
6.1.1.3
6.1.4.3

4.1.1.4
4.1.3.3

4.1.1.4
4.1.3.3

4.1.1.4
4.1.3.3

4.1.1.4

4.1.1.4



SYMBOL

c,
•

t.c,
•

c''.

c,
"

c,
".

c,
"f

c,
li max

DEFINITION

base or reference value of coefficient

base or reference value of coefficient

section maximum lift coefficient of exp0lled forward panel

1. section lift-eurve slope, rate of change of section lift coefficient with angle of
dc,

attack at constant flap deflection, --
d.

2. lift-curve slope for wing of infinite span

3. section lift-curve slope for propeller blade

increment in section lift-curve slope due to NACA roughness

jet-flap section lift-eurve slope uncorrected for thickness effects

lift-eurve slope corrected for compressibility effects

theoretical value of deliva tive

value of derivative for deflected control or flap conditions

value of derivative for unflapped airfoil, including compressibility effects

rate of change of section lift with flap or control deflection at constant angle of
dc,

attack, "'d'6

section lift effectiveness due to deflection of a hypothetical flap

rate of change of section lift coefficient due to flap deflection

theoretical tifting-efficiency factors for first, second, and ith segments, respectively.
of trailing-edge flaps

rate of change of section Uft coefficient due to jet deflection

theoretical maximum lifting effectiveness

SECfIONS

4.1.1.4
4.J.l.3

6.1.1.3
6.1.4.3

4.1.5.2

Several

Several

9.J.l

4.1.1.2

Several

Several

Several

6.1.1.1
6.1.1.2
6.1.5.1

6.1.1.2

Several

6.1.2.1
6.1.5.1

6.1.1.1
6.1,2.1
6.1,4.1

6.1.1.1
6.1.2.1

6.1.1.1
6.1,2.1
6.1,4.1
6.1.5.1

6.1.1.3
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SYMBOL

(C2S )theOry

CQA

2.1-92

DEFINITION

theoretical value of derivative

value of derivative at a given angle of attack

value of derivative for control or nap deflection measured perpendicular to hinge line

incremental section lift coefficient due to contIol deflections

incremental section lift coefficient as function of span station, referred to basic load line

section pitching-moment coefficient with flaps retracted

increment in section pitching-moment coefficient near maximum lift due to flaps
and controls

wing section pitching-moment-curve slope

section pitching-moment coefficient measured about the quarter-chord point

increment in section pitching-moment coefficient at low angles of attack due to flaps and
controls

de
rate Of change of section pitching-moment coefficient with angle of attack, -!!!.

d.

pitching-moment increment due to airfoil angle of attack

rate of change of section pitching-moment coefficient with flap deflection at constant

angle of attack, dCm

d6

theoretical flap pitching-moment effectiveness (about the leading edge)

flap pitching-moment effectiveness measured about the leading edge

pitching-moment increment due to trailing-edge flaps

pitching-moment increment due to deflection of a leading-edge device

rate of change of pitching-moment coefficient measured about the leading edge with
respect to the jet deflection

pitching·moment increment due to jet sheet acting at an angle to trailing-ed.ge camber line

theoretical two-dimensional flap pitching-moment effectiveness about the leading edge

SECTIONS

Several

6.1.1.1
6.1.5.1

6.1.6.2

6.1.5.1

6.1.5.1

6.1.2.1

6.1.2.1
6.1.2.2
6.1.2.3
6.1.5.1

6.1.2.2

4.1.1
6.1.2.2

6.1.5.1

6.1.2.1
6.1.2.2

6.1.2.1
6.1.5.1

6.1.2.1

6.1.2.1

6.1.2.1

6.1.2.1
6.1.5.1

6.1.2.1
6.1.5.1

6.1.2.1

6.1.2.1
6.1.5.1

6.1.5.1



SYMBOL

(Cmo)area not

immersed

ACm ,Ac
3 m4

SYMBOL

00<

ali

(oe)
00< low

speed

DEFINITION

section pitching-moment coefficient for zero lift

section pitching-moment coefficient for zero lift of the area not immersed in
propeller slipstream

section pitching-moment coefficient at zero lift of root section

section pitching-moment coefficient at zero lift of tip section

inte.nnediate terms in determining pitching-moment increments due to leading-edge
deVices and angle of attack, respectively

E. PARTIAL DERIVATIVES

DEFINITION

slope of CUrve of Co vs M

rate of change of zero-lift angle of attack with flap deflection

downwash gradient acting on the aft surface

average downwash gradient acting on the aft surface

average downwash gradient acting on the tail at low speeds

downwash gradient acting on the tail at high subsonic Mach numbers

downwash gradient in the plane of symmetry at the height of the vorrex core

SECTIONS

4.1.1
4.1.2.1
4.1.4.1
4.3.2.1

4.6.3

4.1.4.1

4.1.4.1

6.1.2.1
6.1.5.1

SECTION~

4.3.3.1
4.5.3.1

Several

Several

4.2.2.1
4.5.1.1

4.4.1

4.4.1

4.4.1
4.5.1.1
7.4.4.1
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SYMBOL

aE
U

aa
dE

zslip

aa in

au
ail

2.1-94

DEFINITION

downwash gradient at infinity

downwash parameter due to propeller

upwash gradient in the plane of symmetry of an unswept wing

induced upwash gradient due to propeller slipstream

sidewash parameter

change in section hinge-moment coefficient oCa control surface due to lift variation,
measured at constant values of tab and flap deflections

change in section hinge-moment coefficient of a control surface due to tab deflection,
measured at constant values of lift and flap deflection

change in section hinge-moment coefficient of a control surface due to tab deflection,
measured at constant values of angle of attack and nap deflection

change in section hinge-moment coefficient of a tab due to lift variation, measured
at constant values of nap and tab deflections

change in section hinge-moment coefficient of a tab due to control-surface deflection,
measured at constant values of lift and tab deflection

change in section hinge"moment coefficient of a tab due to control-surface deflection,
measured at constant values of angle of attack and tab deflection

SECTIONS

4.4.1
4.5.1.1
7.4.4.1

4.6
4.6.1
4.6.4

Several

9.1.3

Several

6.1.3.3

6.1.3.3

6.1.3.3

6.1.3.4

6.1.3.4

6.1.3.4



SYMBOL

(aao~l ,
,. t

DEFINITION

section lift-curve slope of a control swface at constant values of flap and tab
deflections

rate of change of angle of attack due to change in nap deflection at constant values
of lift and tab deflection

rate of change of angle of attack due to change in tab deflection at constant values
of lift and flap deflection

SECTIONS

6.1.3.3
6.1.3.4

6.1.3.4

6.1.3.3
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F. ABBREVIAnONS

SYMBOL DEFINITION SECTIONS

a.c. aerodynamic center Several

av avcrage Several

e.g. center of .ravity Several

C.p. center of prenure Several

EBF externally blown nap Several

FRP fuselqe reference plane 4.5.2.1

fus rUlels,. 9.1
9.1.3

HL hinge line S~veral

HM hinge moment 6.3.1

IBF internally blown nap Several

inc incipient 6.3.1

LE leadirq; edge Several

LER leading-edp radius Several

MAC mean aerodynamic chord Several

max maximum Several

MRP moment reference point 6.1.5.1
6.3.1

ref reference Several

SF safety factor 6.3.2

slip propener slip.tream 9.1
9.1.3

STOL short tako-off and land.. Several

TE tratlllll od.. Several

U lower Yflrtical IUl.bWzer Several

V '1pper ve~ticalltabtlizer Several

VTOL vertical takO'<)ft and lddq 4.6
9
9.1
9.2
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2.2
2.2.1

WING PARAMETERS
SECTION PARAMETERS

Airfoil section parameters that are useful in estimating aerodynamic data are presented in this Section. An airfoil·
designation summary that has general utility throughout the Handbook is given. Figure 2.2.1-6 gi'les the tr8i1ing.ed~e

angle for standard airfoils. This parameter is used in estimating section lift-curve slopes and control derivatives. Figure
2.2.1·7 gives the Ipsding-edge radius of standard airfoils. This parameter is not used in this Handbook but is u~d

extensively as a correlation parameter in the literature. It is presented for convenience only. The parameter that is used
in place of leading-edge radius in the Handbook is the D. y parameter (see definition on figure 2.2.1·8 J. This parameter
has been found to be highly successful in correlating data, e.g., see Section 4.1.3.4. It.is presented for standard airfoils
in figure 2.2.1-8 .

y

PARABOLA ("-DIGIT BERIES)

CUBIC (Ii-DIGIT BERIEs)

ZERO SLOPE

PARABOLA (f·DIGlT SERIES)

STRAIGHT LINE }

OR a-DIGIT SERIES)

INVER TED CUBIC

<PTE

x

o

L.E.
FiGURE 2.2.1-1

T.E.
AIRFOIL SECTION GEOMETRY

BASIC SYMMETRIC AIRFOIL CAMBBR ~EAN LINE

yc(x) • ehape of mean line

(y ) ., maximum ordinate of moan Hne
O.OX

X'V) -JDsition of maximum oamber
. 0 max

e ., alope of I.e.r. throuah I.e. equals
the elope of the mean line at tb.., I.e.

• de. Ian seotlon lift ooefficient

• seotioD lift ooeffiolentOR

o = chord of airfoil secUon

x = distance alon8 chord measured from 1.0.

Y :& ordlna.te at Home value of x

(mtoaeured I)(lrmal to and from the chord
itDe for IIymmetric atrfolle, measured
normal to and from the mean Hne for
oambered airfoils)

y(x) lit tblcknes8 dietributlon of _IrroU

t ., :itYmax "" maXimum thloknesll of airfoil

x
t

• position of maximum thlokness

I. •. r. =Ieadins-edse radiul!l

iPTE =trailing-edlle aoale (Included angle
between the tangents to tb" lIpper
and lower 3urf.o•••t th. tra!llna edae)

2.2.1-1



AIRFOIL SECTION DESICNATlON

.. CLAak y" AI."OIL
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NACA I-DIGIT S&RI&S AIRFOIL
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2.2.2 PLANFORM PARAMETERS

General planform parameters that are useful in estimating aerodynamic data are presented in this
section. These parameters are given in equation form for conventional, straight-tapered wings and
non-straight-tapered wings.

I. GENERAL PLANFORM PARAMETERS

xcentroid

c

b

Defmitions

A

b

b/(22)

c

c

aspect ratio ; b2/S

wing span

wing-slenderness parameter

chord (parallel to axis of symmetry) at any given span station y

mean aerodynamic chord (MAC)

cr root chord

2 over-all length from wing apex to most aft point on trailing edge
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p

S

planform-shape parameter = S/(b£)

b/2
wing area ~ 2 i c dy

o

x chordwise location of leading edge at span station y

xcentroid chordwise location of centroid of area (chordwise distance from apex to C/2)

2
xcentroid = S

y

YMAC

general span station measured perpendicular to plane of symmetry

spanwise location of MAC (equivalent to spanwise location of centroid of area)

YMAC
2

=-
S

b/2i cy dy
o

, CONVENTIONAL, STRAIGHT-TAPERED I'LANFORM PARAMETERS

Definitions

I.

c

!--YMAC

b

11;

.1

b

c

2.2.2-2

wing span

chord of wing (parallel to axis of symmetry) at any given span station y



-
c

m,n

YMAC

I)

I)i' 1)0

a

Equations

mean aerodynamic chord (MAC)

root chord

tip chord

nondimensional chordwise statiolli in terms of c

wing area affected by trailing-edge deflection

spanwise location of MAC

nondimensional span station = y/(b/2)

nondimensional span stations at inboard and outboard edges of control, respectively.

taper ratio = Ct/cr

sweep angle of leading edge

sweep angle of trailing edge

sweep angles of arbitrary chordwise locations

ratio of chordwise position of leading edge at tip to root chord length
= (b/2) tan ALE/cr

A

-
c 2

= -c
3 r

S = (b/2)cr (I + X)

b
SWf = "2 (1)0 -I);) c, [2 - (I ~ X)(l)j + 1)0»)

Xcentroid I( I+Xo)=-3 X+ o +
I + X

YMAC

b/2

I -..£.
= ----5:..

I-X
= .!. (I + 2X)

3 I + X

4 [ I-X]= tan A - - (n - m) --
m A I +X
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4
tan ALE =- (A = 0)

A

a
A

= -(I + A) tan ALE
4

3. DOUBLE·DELTA AND CRANKED WING PLANFORM PARAMETERS

I.
Definitions

b wing span

b

T
e/2

1

bi span of planform formed by two inboard panels

bo span of planform formed by joining two outboard panels as an isolated wing

-
c mean aerodynamic chord (MAC)

cB chord at break span station

cr root chord

Ct tip chord

Si total area of inboard panels

So total area of outboard panels

2.2.24



xcentroid chordwise location of centroid of area (chordwise distance from apex to e/2)

-xLE chordwise distance from apex to leading edge of MAC

YB spanwise location of break span station

YMAC spanwise location of MAC

'1B = YU /(b/2)

A = ct/cr

Ai = cB/cr

AO = Ct/cB

Subscripts

B refers to span station whel/ leading edges and/or trailing edges change sweep angles

i,o refer to inboard and outboard panels, respectively

Equations

A

-
c

2
=-

S

2b

S

xcentroid
cr

=

= (YMACi tan ALEi) Si + (YB tan ALEj + YMACo tan ALEo ) So

Sj + So

YMAC
2

=-
S

b/21 cydy
o

'1B
b

_1_ ( 2b _A' _A) = _1_ /.2S _A' _A)
I - A ACr 1 I - A\bCr 1
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2.3 BODY PARAMETERS

Charts for estimating body volumes and lurface are•• for varioua families of profiles are presented in this Section.

2.3·)
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3. EFFECTS OF EXTERNAL STORES

Methods are presented in this section for estimating the effects of externally mounted stores on
aircraft stability characteristics. The methods predict the incremental effects due to the installed
stores on the aircraft characteristics, not the isolated-store characteristics or the ef[cct of the
aircraft on the stores. Section 3 is subdivided as follows:

3.1 Effect of External Stores on Aircraft Lift
3.2 Effect of External Stores on Aircraft Drag
3.3 Effect of External Stores on Aircraft Neutral Point
3.4 Effect of External Stores on Aircraft Side Force
3.5 Effect of External Stores on Aircraft Yawing Moment
3.6 Effect of External Stores on Aircraft Rolling Moment

No suitable general methods have been developed for predicting the effect of stores on aircraft
rolling moment, and therefore no Datcom methods have been provided in Section 3.6.

Methods for predicting effects of external stores can be grouped into theoretical, experimental, and
empirical, or combinations thereof. Numerous attempts have been made to develop analytical
methods for store effects. Reference 1 discusses many of the approaches and provides an extensive
bibliography of theoretical methods. The methods tend to be complex and often require elaborate
computer programs and extensive computations. Theoretical methods are basically in an early stage
of development. They often require simplifications and assumptions which do not lend their
application to be generalized over a wide range of loading configurations. Experimental methods
include those which utilize increments from flight, wind-tunnel, ballistics or other test data. Access
to data and time required for its interpretation are the primary limitations of experimental
methods. Reference 1 discusses experimental approaches to computing store effects and provides a
bibliography of methods and sources of data. Empirical methods have been developed and
documented (References 2 and 3) which seem to provide the best general approach for estimating
external-store effects. Empirical methods make use of test-data correlation and theoretical concepts
to arrive at prediction equations. The Datcom methods are empirical in nature.

The Datcom methods are taken from Reference 3. Reference 3 is a very comprehensive effort that
collected, reviewed, and correlated methods and existing test data to develop generalized prediction
equations. Reference 3 also documents wind-tunnel tests which were designed specifically to
provide a data base for empirical equation development. A very extensive list of references is also
provided.

The Datcom methods in general require that the user provide only aircraft, store, and installation
hardware geometric information in order to compute the aerodynamic effects of the store-aircraft
.combination. In some instances, the user is required to provide clean-aircraft data and isolated-store
data. Because the methods are empirical in nature, the physical significance of some terms is not
explained. The user should consult References 2 and 3 for additional insight into the method
development.

The methods are applicable for wing- and fuselage-mounted conventional stores which are
symmetrically or asymmetrically loaded, and are mounted on conventional-type subsonic or
supersonic aircraft. This comprises nearly all conventional store configurations encountered. In
most instances the methods also account for multiple carriage, mixed and multiple loading cases,
and interference effects involving adjacent stores and the fuselage. The methods have not been
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substantiated for tip- or tangent-mounted wing stores. Specific limitations and assumptions
involving configuration, flight envelope, and data base for method development are discussed in
each of the individual sections.

Relatively little substantiation data is provided herein since the method substantiation is well
documented in References 2 and 3. Expected accuracies of the methods are discussed in each
section.

NOTATION

For the purposes of this section, a store installation refers to all armament-associated hardware
including stores at one armament station and external to the clean aircraft. lnstallation hardware
may include pylon, pylon rack, store rack, special adapters and launchers, sway braces, and stores.
Typical installation hardware is illustrated in Sketch (a).

f
Wing

SKETCH (aJ

Pylon Rack

Store Rack

Store

3-2

Stores are carried in either a single or multiple carriage mode, and are either pylon- or
tangent-mounted. In a single carriage mode, the store is mounted directly on the pylon rack or
fuselage. The two multiple carriage modes considered by the Datcom methods are:



TER: Stores are mounted on a triple-ejector rack attached to the pylon rack or fuselage. This
rack carries a maximum of three stores.

MER: Stores are mounted on a multiple-ejector rack attached to the pylon rack or fuselage.
This rack carries a maximum of six stores.

A general notation list is included in this section for all sections included in Section 3. Since this
notation list is quite extensive and the major portion of it includes notation peculiar to the Datcom
Methods presented in Section 3, it is not integrated into the notation list presented as Section 2.1.

SYMBOL

B

DEFINITION

wing aspect ratio, based on total trapezoidal planform

longitudinal-location factor (side force)

store-size correlation factor (side force)

store-diameter correlation factors (drag)

basic-store-installation equivaient-parasite-drag area (ft2) computed at
M=O.9

aft-store-cluster contribution (yawing moment)

protrusion of store fins beyond store body

forward-store-cluster contribution (yawing moment)

basic-store contribution term (side force)

pylon contribution (side force and yawing moment)

rack contribution (side force)

store-body contribution (yawing moment)

store-fin contribution (yawing moment)

pylon-longitudinal-location contribution (side force)

empty-pylon factor (drag)

pylon spanwise-location contribution (side force)
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SYMBOL DEFINITION

maximum vertical store-cluster span (in.), excluding protruding fins

exposed wing span

store-fin span (in.)

span of the aircraft tail

aircraft wing span

store-row Mach-correlation factors (drag)

isolated-store drag coefficient at zero lift

clean-aircraft zero-lift drag coefficient

clean-aircraft drag-rise factor

clean-aircraft lift coefficien t

store-body lift-curve slope

store-fin lift-curve slope

free-stream lift-curve slope of store j on installation

wing-body, clean-aircraft lift-curve slope

rate of change of yawing-moment coefficient with sideslip angle

rate of change of side-force coefficient with sideslip angle

drag-coefficient increment due to external stores

lift-coefficient increment due to external stores

lift-coefficient increment due to fuselage-mounted stores



SYMBOL

C
Plow

c
P top

c,

DEFINITION

lift-coefficient increment due to wing-mounted stores

incremental change in Cnp

incremental change in Cy
p

local wing chord at store or pylon station (in.)

wing mean aerodynamic chord

pylon-bottom chord length (in.)

pylon-top chord length (in.) at wing-pylon juncture

wing root chord (in.)

zero-lift equivalent-parasite-drag area (ft2) due to the basic store installa
tion

empty-MER equivalent-parasite-drag area (ft2)

empty-TER equivalent-parasite-drag area (ft2)

fully loaded MER equivalent-parasite-drag area (ft2)

fully loaded TER equivalent-parasite-drag area (ft2)

fuselage-rack equivalent-parasite-drag area (ft2)

pylon-store-aircraft-interference equivalent-parasite-drag area (ft2) at
M = 0.9

equivalent-parasite-drag area (ft2) at zero lift due to the mutual
interference of store installation and adjacent fuselage

installed-loaded-pylon equivalent-parasite-drag area (ft2)

store-MER-aircraft-interference equivalent-parasite-drag area (ftz)

installed-MER equivalent-parasite-drag area (ft2 )

isolated-store equivalent-parasite-drag area (ftz) at M =0.90
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SYMBOL

D
I

dwA

dwing

(FSl,ef

DEFINITION

zero-lift equivalent-parasite-drag area (ft2) due to the mutual inteference
of adjacent store installations (per pair of adjacent installations)

store-TER-aircraft-interference equivalent-parasite-drag area (ft2)

installed-TER equivalent-parasite-drag area (ft2)

equivalent-parasite-<irag area (ft2) due to lift

equivalent-parasite-<irag area (ft2) due to the empty pylon on the fuselage

zero-lift equivalent-parasite-drag area (ft2) due to a MER on the
fuselage

MER sway-brace equivalent-parasite-drag area (ft 2)

pylon-rack equivalent-parasite-<irag area (ft2)

TER sway-brace equivalent-parasite-drag area (ft2)

store-to-aircraft-interference equivalent-parasite-<irag area (ft2)

minimum clearance between adjacent stores (in.)

maximum store diameter (in.)

maximum width (in.) of the aft-store installation

maximum width (in.) of the lead- (most forward) store installation

defined width (in.) of the store installation not including protruding fins

distance (in.) from fuselage lower surface at store midpoint to average
wing lower surface at wing root

pylon-height interference factor (drag)

fuselage station (in.) of the nose of the most forward store on the
installation or the fuselage station of the leading edge of the pylon for the
empty-pylon case

fuselage station (in.) of the moment reference point



SYMBOL DEFINITION

ratio of store-fin area (projected onto a horizontal plane) to store-body
planform area

MER Mach-effect factor for fuselage-tangent-mounted or fuselage-pylon
mounted installations (pitching moment)

store longitudinal-placement parameter for TER or MER carriage
(pitching moment)

store longitudinal-placement and fin-area-ratio parameter for wing pylon
mounted stores (pitching moment)

MER Mach and store-station factor for fuselage tangent-mounted
installations (pitching moment)

Mach and store-station effect parameter (pitching moment)

store longitudinal-placement factor for wing-pylon-mounted single stores
or MER carriage (pitching moment)

store vertical-placement factor for wing pylon-mounted single stores or
MER carriage (pitching moment)

store-fin area-ratio factor for wing pylon-mounted single stores (pitching
moment)

Mach-effect factor for MER carriage (pitching moment)

MER Mach and store-station-effect parameter (pitching moment)

overall fuselage height (in.)

average pylon height (in.)

MER installation neutral-point correlation factor (pitching moment)

longitudinal-locati~nfactor for multiple rack (lift)

pylon Mach-number correlation parameter (drag)

store frontal-area factor (drag)

wing-sweep-and-Iocation factor (drag)
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SYMBOL

Kn 3

DEFINITION

tandem-spacing factor (drag)

lateral-spacing factor (drag)

store-rows factor (drag)

stores-per-row factor (drag)

store longitudinal-location factor (drag)

fin constant (side force)

fuselage proximity-;effect parameter (lift)

pylon-height factor (lift)

lateral store-to-fuselage clearance parameter (lift)

installation factor (drag)

Mach-effect factor (side force)

nose-shape parameter (pitching moment)

planform and store-location factor

pylon-height-effect parameter (lift)

pylon constant (side force)

pylon-depth factor (drag)

store-depth factor (drag)

Mach-effect factor for Kn (drag)
I

store-installation lateral-placement parameter (lift)

loading-configuration factor (pitching moment)



SYMBOL

L
"FS

L
"WS

DEFINITION

fuselage vertical clearance parameter (lift)

store-installation-width factor (lift)

wing-location parameter (lift)

store-placement factor (lift)

empty-pylon correlation ratio (drag)

store-installation-depth factor (side force)

horizontal-tail span-location factor (pitching moment)

horizontal-tail vertical-location factor (pitching moment)

wing-sweep-effect parameter (lift)

span-location factor (pitching moment)

longitudinal-correction factor (pitching moment)

Mach-number-correction factor (pitching moment)

incremental-lift effect of the longitudinal location of multiple-mounted
stores along the local wing chord (lift)

incremental-lift effect due to carriage-rack installation (lift)

fuselage-stores incremental-lift effect due to angle of attack (lift)

wing-stores incremental-lift effect due to aircraft angle of attack (lift)

length (in.) of aft-store installation (drag)

aft-store-cluster moment arm (in.) (yawing moment)

length of empty MER (in.)

length of empty TER (in.)
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SYMBOL

M

MER

3-10

DEFINITION

moment ann (in.) from the moment reference point to the effective point
of application of the side-force increment due to external stores (yawing
moment)

value of Qrn for the first of a pair of adjacent store installations (in.)
(yawing moment)

value of Qrn for the second of a pair of adjacent store installations (in.)
(yawing moment)

longitudinal distance (in.) from the store nose of the forward cluster to
the store nose of the aft cluster

pylon moment ann (in.) (yawing moment)

store-body length (in.)

store-body moment ann (in.) (yawing moment)

longitudinal distance (in.) from the store nose to the intersection of the
store-fin quarter chord and the store-fin SO% semispan

maximum store/pylon installation length (in.)

longitudinal distance (in.) from (FS)L E to the point of side-force
application, positive aft

length of store installation I.

length of store installation 2.

Mach number

multiple-ejector rack

MER adjacent-store separation factor (drag)

store-MER-aircraft-interference Mach-correlation factor (drag)

total number of asymmetrical external-store installations

number of store installations adjacent to the fuselage



SYMBOL

p

DEFINITION

total number of store installations on the aircraft

total number of fuselage-mounted store installations on the aircraft

total number of pairs of adjacent store installations carried

total number of stores attached to the MER

total number of stores attached to the TER

total number of pairs of symmetrical external-store installations

num ber of pyIons

number of stores per row (fuselage mounting)

total number of store station's on installation

clean-aircraft drag-rise factor

MER aft-longitudinal-placement term (drag)

TER aft-longitudinal-placement term (drag)

basic-stares-correlation factor (side force)

MER forward-longitudinal-placement factor (drag)

TER forward-longitudinal-placement factor (drag)

normalized incremental drag due to lift

aft-stare-cluster lateral-clearance factor (yawing moment)

adjacent-store interference factor (side force)

pylon-underside-roughness factor

maximum fuselage frontal area (ft2)
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SYMBOL

Sp

TER

t
Pm",

Vx

DEFINITION

store-fin area (in.2) projected onto horizontal plane

maximum pylon cross-sectional (frontal) area (in 2 )

store-body planform area (in 2 )

aircraft wing reference area (ft2)

1) affected wing area (in.2) of both wings (for wing-mounted
installations); 2) pseudo store installation planform area (in 2 ) for both
installations (for fuselage-mounted installations)

pseudo-store-body vertically projected area (in 2 ) on one wing

vertically projected area (in 2 ) on the wing of the unobstructed,
exposed-fin areas of the stores at the given store station for one
installation

store maximum cross-sectional area (ft2)

transonic-supersonic correlation factor (drag)

triple-ejector rack

tandem-stores factor (drag)

TER adjacent-store separation factor (drag)

store-TER-aircraft-interference Mach-correlation factor (drag)

distance from the nose of the aft-store installation to the tail of the
lead-store installation (in.)

maximum pylon thickness (in.)

lateral interference factor (drag)

longitudinal interference factor (drag)

absolute longitudinal distance (in.) from the trailing edge of one store
installation to the trailing edge of the adjacent store installation



SYMBOL

x,

.:ixn.p.

.:ix
n.p "1

DEFINITION

absolute longitudinal distance (in.) from the nose of one store installation
to the nose of the adjacent installation

ratio of longitudinal spacing between tandem stores to the store length

longitudinal distance from the local wing trailing edge to the trailing edge
of the store installation (in.) (or pylon trailing edge for the empty pylon
case), positive in the aft direction

wing-body aerodynamic-center location of the clean aircraft measured
from the leading edge of the mean aerodynamic chord (in.)

longitudinal distance from the wing leading edge at the store location to
the store/pylon nose (in.), positive for store nose aft of the wing leading
edge

distance (in.) from the local wing leading edge to the point midway
between the pylon mounting lugs on installation i, positive in the aft
direction

distance (in.) from the leading edge of the mean aerodynamic chord c, to
the point midway between the mounting lugs of the installed store for
store j on installation i, positive in the aft direction

distance (in.) from the local wing leading edge to nose of store j on
installation i, positive in the aft direction

ratio of the distance between the aircraft nose and the store nOse of the
most forward store to the aircraft fuselage length

total aircraft neutral-point shift due to external-store installations, positive
for aft shift (in.)

shift in neutral point due to lift transfer from the stores to the clean
aircraft, positive for aft shift (in.)

shift in neutral point due to the interference effects on the wing flow
field, positive for aft shift (in.)

shift in neutral point due to the change in tail effectiveness caused by
external stores, positive for aft shift (in.)

neutral-point basic-interference-effect term

neutral-point horizontal-tail term
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SYMBOL

z

DEFINITION

side-force contribution (ft2 /deg) per degree sideslip due to interference
effects from a pair of adjacent external-store installations

basic side-force contribution (ft2 /deg) per degree sideslip due to a
symmetrical pair of external-store installations

value of YB for the first of a pair of adjacent installations
~

value of YB for the second of a pair of adjacent installations
~

ratio of minimum lateral distance between stores (excluding fins) to
maximum store diameter

minimum lateral clearance (in.) between adjacent store installations

spanwise distance from the fuselage centerline to the location of
installation i

spanwise distance from the outboard edge of the fuselage to the location
of installation i

spanwise distance from fuselage centerline to centerline of store J on
installation i

fraction of wing semispan location of store station measured from aircraft
centerline

minimum clearance (in.) between store installation and the fuselage

maximum depth of the store installation (in.) measured from the bottom
surface of the wing

ratio of vertical distance between average wing lower surface and store
centerline to local wing chord

vertically projected length (in.) of the store installation on the aircraft
wing

distance (in.) from the wing lower surface to the centerline of store j on
installation i, positive in the downward direction

3-14

vertical distance from wing lower surface at installation
the horizontal tail

to mid-line of



SYMBOL

ex

/j

DEFINITION

distance from the top of the fuselage to the midpoint of the wing
intersection with the fuselage (in.)

aircraft angle of attack

equivalent-parasite-drag area (ft2)

configuration-related interference parameter (pitching moment)

store nose-cone half-angle (deg)

REFERENCES
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3.1 EFFECf OF EXTERNAL STORES ON AIRCRAFT LIFT

Methods are presented in this section for estimating the change in aircraft lift due to external-store
installations. The methods predict an incremental change in lift coefficient, based on wing reference
area, which can be added to the clean-aircraft lift coefficient to obtain the aircraft-with-stores lift
coefficient. These methods are taken from Reference I and are empirical in nature.

Section 3.1 is subdivided as follows:

Section 3 1.1 Lift Increment Due to Wing-Mounted Store Installations

Section 3.1.2 Lift Increment Due to Fuselage-Mounted Store Installations

Section 3.1.3 Total Lift Increment Due to External Stores

Section 3.1.3 presents the method for computing the total incremental lift coefficient due to
symmetric and/or asymmetric loading configurations. That section will then refer the user to
Section 3.1.1 and/or Section 3.1.2 as appropriate for the loading configuration being analyzed. Due
to the nature of the method, the lift increments for wing and fuselage stores are computed
separately for pairs of symmetrically-mounted store installations by the methods of Sections 3.1. I
and 3.1.2.

The Datcom methods are applicable to aircraft of conventional design and essentially symmetrical
store shapes with no major shape protuberances. The methods are limited to the store-loading
configurations and Mach-number ranges presented in Table 3.I-A. The methods are applicable to
mixed loading configurations obtained by combining two or more loadings specified in Table 3.I-A.
Additional limitations are specifically noted in each of the sections.

TABLE 3.1-A

LOADING AND MACH·NUMBER LIMITATIONS

Mach-
Mounting Carriage Number
Location Mode Mount/Loading Type Range

Pylon - Empty
Single o -+ 2.0

Pylon ~ Store

Wing Pylon - Empty MER

PyIOR - Full/Partial MEA
Multiple o -+ 1.6

Pylon - Empty TER

Pylon - Full/Partial TEA

Tangent
Single 0-+ 2.0

Pylon - Empty

Pylon - Store

Tangent - Empty MEA

Tangent - Full/Partial MEA
Fuselage

Tangent - Empty TEA

Multiple Tangent - Full/Partial TEA 0-+1.6

Pylon - Empty MEA

Pylon - Full/Partial MER

Pylon - Empty TEA

Pylon - Full/Partial TEA

3.1- I



For most configurations the addition of wing-mounted stores results in a loss of aircraft lift in the
subsonic-flight regime. The lift loss generally increases substantially through the transonic speed
range, and often reverses to provide positive-lift increments at the higher supersonic speeds
(M> 1.6).

REFERENCE

1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage. AFFDL-TR-75-95, Volumes I and II, 1975. (UI
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3.1.1 LIFT INCREMENT DUE TO WING-MOUNTED STORE INSTALLATIONS

A method is presented in this section for estimating the aircraft lift-coefficient increment due to
wing-mounted store installations. The method as presented is for estimating the increment due to a
pair of symmetric wing-mounted installations. The increment due to a single installation may also
be obtained by simply using half the increment due to the pair of symmetric installations.

For most configurations the addition of wing-mounted stores results in a loss of aircraft lift in the
subsonic speed range. The lift loss generally increases substantially through the transonic speed
range, and often reverses to provide positive lift increments at the higher supersonic speeds.

The Datcom method is taken from Reference I and is empirical in nature. The method is applicable
to aircraft of conventional design and essentially symmetrical store shapes with no major shape
protuberances. The limitations on configuration and Mach-number range are summarized in Table
3.I-A of the preceding section. Additional limitations and assumptions pertaining to the method are
listed below:

I. The method is not applicable to wing-tip or wing-tangent-mounted stores.

2. The method has been verified for a Mach-number range between M = 0.6 and M = 2.0
with a few exceptions. Caution should be used in extrapolating the empirical curves
beyond the given Mach-number range.

3. The method has not been verified for configurations in which !laps, slats or other !low
disrupting devices are deployed.

4. The method gives the best results for an angle-of-attack range from 0 to 80 , although the
method can be used for higher angles of attack.

5. The data base used in deriving the method relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

6. No method is provided to estimate fuselage and adjacent-store interference effects. These
effects may be significant if the separation distances are less than 3 store diameters.
Proximity to engine inlets may also be significant.

7. The method is applicable for sideslip angles less than 4°

The loading configuration capabilities of the method are given in Table 3.1.I-A. Each configuration
is assigned a number which is referred to throughout the method. The method is applied separately
to each single store installation or symmetrical pair of store installations.
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TABLE 3.1.1-A

STORE CONFIGURATION SUMMARY

Configuration
Configuration

Mounting Carriage Loading Number

Pylon None Empty 1

Single Single 1

Pylon MER EmptY 2

Partially Loaded 2

Full 2

Pylon TER EmptY 3
Partially Loaded 3

Full 3

A. SUBSONIC

DATCOM METHOD

The incremental lift coefficient, based on wing reference area, due to a pair of symmetric
wing-mounted external-store installations is given by Equation 3.1. I-a. (For a single installation, this
value should be divided by two.)

3.1.1-a

where

Sw is the wing reference area (ft2).

L
R

is an incremental-lift effect due to carriage-rack installation.

For an empty pylon or a pylon-mounted, single-store installation (Configuration 1) L
R

is
presented over the Mach-number range from 0.6 through 2.0 in Figure 3.1.1- I2.

For MER store loading (Configuration 2) or TER store loading (Configuration 3) LR is
presented at M = 0.6, 0.8, and 1.6 in Figures 3.1.1-13 and 3.1.1-14. The value of LR
between M = 0.6 and 0.8 may be obtained by linear interpolation. LR at M = 1.6 is a
single-point value. Over the Mach-number range from M> 0.8 to M < 1.6, LR = a for
Configurations 2 and 3.

The term LR is presented on Figures 3.1.1- 12 through 3.1.1- 14as a function of Sw
a
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where

Sw is the affected wing area (in. 2 ) of both wings and is given by
•

3 l.l-b

where

Sw is the vertically projected area (in 2 ) on one wing of the
'F unobstructed, exposed-fin areas of the stores at the given store

station for one installation (See Sketch (a).).

SKETCH (a)

Sw is the pseudo-stare-body or pylon vertically projected area (in 2 )

'B on one wing given by the following geometrical relationships:

3.I.1-c

3.I.1-d

3.1.1-e

3.I.1-f
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where

is the longitudinal distance (in.) from the local
wing leading edge to the store/pylon nose,
positive for store/pylon nose aft of the leading
edge. (See Sketch (b).)

c is the local-wing chord (in.) at the store or
pylon station. (See Sketch (b).)

is the maximum store/pylon installation length
(in.). (See Sketch (b).)

is the defined width (in.) of the store installa
tion, not including protruding fms, given by

I. For an empty pylon:

d = 1.5 (maximum pylon width)
w

3.1.1-g

2. For a single store:

3.1.1-h

(ds is the maximum store diameter)

3.1.1-4

STORE1r- ----c
-X

FWD

h p

I
"'-------

........---------Qsp -----------Il..~1

SKETCH (b)

PYLON
- xAFT



is an incremental-lift effect of the longitudinal location of multiple-mounted stores
along the local wing chord. For Configuration I, LLE = O. For Configurations 2 and 3
LLE =0 at M <;; 0.8 and at M =1.6. Over the Mach-number range from M> 0.8 to
M < 1.6 LLE is obtained from Figures 3.1.1-15 and 3.1.1-16 as a function of xAFT/c.
The value of xAFT is the longitudinal distance (in.) from the local wing trailing edge
to the trailing edge of the store installation (or pylon trailing edge for the empty
pylon case), positive in the aft direction. (See Sketch (b).)

is the longitudinal-location factor for multiple-rack carriage (Configurations 2 and 3)
obtained from Figure 3.1.1-17. (K AWA = OatM<;; 0.8 and atM = 1.6.)

is the wing-sweep-effect parameter obtained from Figure 3.I.l-18a.(This parameter is
a function of the wing leading-edge sweep angle AL E')

is the pylon-height-effect parameter given by

K =1+KKK
p H x W

where

3.I.I-i

is a pylon-height factor obtained from Figure 3.1.1-18b as a function of
the average pylon height, h

p
(in.). (See Sketch (b).)

is a store-placement factor obtained from Figure 3.1.1-19a as a function of

xAFT/c.

is a store-installation-width factor obtained from Figure 3.1.1-19b as a
function of h /d .

p w

Kf is the fuselage proximity-effect parameter where

3.I.I-j

ex

and

KHF is a lateral store-to-fuselage clearance parameter obtained from Figure
3.1.1- 20b.

Ky F is a vertical clearance parameter obtained from Figure 3.1.1-20a.

Note that for a low-wing configuration K HF =KYF =O.

is an effect due to aircraft angle of attack obtained from Figures 3.1.1-2Ia through
-21h as a function of store-installation type, Mach number, and XAFT/c.

is the aircraft,angle of attack (deg).
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Sample Problem

Given: A swept-wing subsonic fighter aircraft from Reference 2, symmetrically loaded as follows:

FRONT VIEW

Configuration
Spanwise Rack Store No. of Number
Station Type Mounting Type Stores (Table 3.1.1-Al

Inboard Wing TEA Pylon 500-tb Bomb 2 3

Outboard Wing Single Pylon 500·lb Bomb 1 1

Aircraft Data:

Stores Data:

ds =12in.

Installation Data:

c = 12 1.5 in. (at inboard sta.)

c = 37.8 in. (at outboard sta.)

Qsp = 91.2 in.

Location d
xAFT xFWD hp 'SPw -c- c

Inboard Wi n9 25.6 in. -0.400 -0.158 11.2 in. 91.2 in.

Outboard Wing 12 in. -0.210 -0.264 , 1.2 in. 91.2 in.
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Additional Data:

M = 0.8

Geometry of unobstructed, exposed-fin areas required for calculation of Sw, is shown below
F

Compute D.C L for the inboard wing station (Configuration 3):
ws

xFW D
£ + =£ +---csp x FWD SP c

91.2 + (-0.158)(121.5)

72.0 in.

Since xFW D < 0 and c;;' Qsp + x
FW

D

(Equation 3.1.1-f)

(72.0)(25.6)

1843 in 2

To compute Sw ' refer to theplanform sketch below of the inboard wing installation:
'F

Sw is the shaded area of the fins not included in the Sw computation.
aF as
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(
8.0 + 4.8)

Sw = (2) 2 (3.2)
'F

= 41 in 2

= 2 (1843 + 41)

= 3768 in 2

(Equation 3.1.1-b)

= -4.7

LL E = 0 (M ..;;; 0.8)

K
AWA

= 0 (M";;; 0.8)

KA 1.0

KH -0.124

Kx = 0.30

hp 11.2
- - --
dw 25.6

= 0.438

(Figure 3.1.1-14, Configuration 3)

(Figure 3.1.1-18a)

(Figure 3.1.1-18b)

(Figure 3.1.1-19a)

KW = 1.145 (Figure 3.1.1-19b)

Kp = 1 + KHKxKw (Equation 3.1.1-i)

= 1+(-0.124)(0.30)(1.145)

= 0.957

KH F = 0, Kv F = 0 (low-wing configuration)

3.1.1-8

L = 0.43
Q ws

(Figure 3.1.1- 21 b)



Solution:

(Equation 3.1.I-a)

= _1_ {[ -4.7 + (O)(O)J [( 1.0)(0.957) + OJ + (0.43)(8.0 - 4.0)}
260

= -0.0107 (inboard wing station)

Compute AC
L

for the outboard wing station (Configuration 1):
ws

= 91.2 + (--0.264)(87.8)

;:: 68.0 in.

SincexFWD <Oandc;;;>Qsp +xFWD

(Equation 3.1.1-f)

= (68.0)(12.0)

=816in 2

As in the case of the inboard installation, trapezoidal areas of 2 fins extend beyond the
projected store body area, Sw 'B' Since the stores are identical,

Sw = 41 in 2 (previously calculated)
'F

Sw = 2~W + Sw ) (Equation 3.1.I-b), aD a F

= 2 (816 + 41)

= 1714 in2

L R = -0.8 (F igure 3.1.1-12, Configuration I)

LLE = 0 (Configuration 1)

KAWA = o (Applicable for multiple-rack carriage only)
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K"
; 1.0 (Figure 3. 1.1-18a)

KH
; -0.124 (Figure 3.1.1-18b)

Kx
; 0.68 (Figure 3.1.1-19a)

hp 11.2
--- 0.93

d 12.0
w

Kw 0.175 (Figure 3.1.1-19b)

K ; 1+ KHKxKw (Equation 3.I.I-i)
p

; 1+(-0.124)(0.68)(0.175)

; 0.985

KHF
; KYF

; 0 (low-wing configuration)

Kf
; KHFKYF

; 0 (Equation 3.1.1-j)

L ; 0.40 (Figure 3.1.1-2Ib)"ws

Solution:

(Equation 3.1.1-a)

; _1_1 [-0.8 + (0)(0)] [(1.0)(0.985) + 0] + 0.40 (8.0 - 4.0)I
260

; 0.00312

The calculated values of ACL ws at each wing station are combined with fuselage-store increments
in the sample problem of Section 3.1.3 to illustrate a complex loading configuration. Comparison of
the calculated results with test data is provided in that section.

B. TRANSONIC

The method presented in Paragraph A of this section is also valid in the transonic speed range. The
user is cautioned that the accuracy of the method is less than that expected in the subsonic speed
range, and test data should be used whenever possible.
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C. SUPERSONIC

The method presented in Paragraph A of this section is also valid in the supersonic speed range. The
expected accuracy of the method is comparable to that in the subsonic range. The maximum Mach
number provided in the design figures indicates the level to which the method is substantiated.
Caution should be used when extrapolating the data beyond the Mach range provided in the
figures.

REFERENCES
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3.1.2 LIFT INCREMENT DUE TO FUSELAGE-MOUNTED STORE INSTALLATIONS

A method is presented in this section for estimating the aircraft lift-coefficient increment due to
fuselage-mounted store installations. The method as presented is for estimating the increment due
to a pair of symmetric fuselage-mounted installations. The increment due to a single installation
may also be obtained by using half the increment due to the pair of symmetric installations.

The Datcom Method is taken from Reference 1 and is empirical in nature. The method is applicable
to aircraft of conventional design and essentially symmetrical store shapes with no major shape
protuberance. The limitations on configuration and Mach-number range are summarized in
Table 3.I-A. Additional limitations and assumptions pertaining to the method are listed below:

I. The method has not been validated for pylon heights greater than 10 inches.

2. The method is limited to store installations which are not mounted beyond 90 percent of
the fuselage semispan from the fuselage centerline.

3. The method has been verified for a Mach-number range between M ~ 0.6 and M ~ 2.0
with a few exceptions. Caution should be used in extrapolating the empirical curves
beyond the given Mach-number range.

4. The method has not been verified for configurations in which flaps, slats or other
flow-disrupting devices are deployed.

5. The method gives the best results for an angle-of-attack range from 0 to 80
, although the

method can be used for higher angles of attack.

6. The data base used in deriving the method relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

7. No method is provided to estimate fuselage and adjacent-store interference effects. These
effects may be significant if the separation distances are less than 3 store diameters.
Proximity to engine inlets may also be significant.

8. The method is applicable for sideslip angles less than 40 .

The loading configuration capabilities of the method are given in Table 3.1.2-A. Each configuration
is assigned a number which is referred to throughout the method. The method is applied
separately to each single store installation or symmetrical pair of store installations.

3.1.2-1



TABLE 3.1.2·A

STORE CONFIGURATION SUMMARY

Store Configuration
Configuration

Mounting Carriage Loading Number

Pylon None Empty 1
Single Single 1

Tangent Single Single 1

Pylon MER Empty 2
Partially Loaded 2

Full 2
Tangent Empty 2

Partially Loaded 2
Full 2

Pylon TER Empty 3
Partially Loaded 3

Full 3
Tangent Empty 3

Partially Loaded 3
Full 3

A. SUBSONIC

DATCOM METHOD

The incremental lift coefficient, based on wing reference area, due to a pair of symmetric
fuselage-mounted external-store installations is given by Equation 3.1.2-a. (For a single installation.
this value should be divided by two.)

= 3.I.2-a

where

Sw is the wing reference area (ft2 ).

L
R

is an incremental-lift effect due to carriage-rack installation obtained from
Figures 3. I. I- 12 through 3. I. I- 14 of Section 3.1.1 as a function of Mach number
and Sw a' (Refer to the discussion presented in Section 3. 1.1 in relation to the
Mach-number range and configuration applicability of this parameter.)

where, for fuselage-mounted installations

is the pseudo store installation planform area (in. 2
) for both installa

tions, and is given by

3.I.2-b

3.1.2-2



where

Qsp is the maximum store/pylon installation length (in.). (See
Sketch (a).)

I
.......------...

SKETCH (a)

-I

d
w

is the maximum width (in.) of the store installation not
including protruding fins and is given by

I. For an empty pylon:

dw = 1.5 x (maximum pylon width)

2. F or a single store:

d =d
w s

(ds is the maximum store diameter)

3.1.2-c

3.1.2-<1

KW1NG

L
°FS

is a parameter to account for the effect of wing location on the fuselage. This
parameter is obtained from Figure 3.1.2- 6as a function of Zw /h r where

Zw is the distance from the top of the fuselage to the midpoint of the wing
intersection with the fuselage (including canopy protuberances) (See
Figure 3.1.2-6).

h
f

is the overall height of the fuselage (including canopy protuberances) (See
Figure 3.1.2-6).

is a parameter to account for the effect of lateral placement of the store installation.
The parameter is obtained from Figure 3.1.2- 7 and is available for store
installations mounted within 90% of the fuselage semispan from the fuselage
centerline.

is an effect due to aircraft angle of attack obtained from Figure 3.1.2- 8 as a
function of aircraft wing location and Mach number.

is the aircraft angle of attack (deg).

3.1.2-3



Sample Problem

Given: A swept-wing subsonic fighter aircraft (Reference 2) loaded with a pylon-mounted MER
containing five SOD-lb. bombs (two of the bombs are hidden in the front view) located
below the fuselage centerline.

FRONT VIEW

Aircraft Data:

S = 260 ft2w

Stores Data:

ds = 12 in.

Installation Data:

d
w

= 33.6 in.

Additional Data:

M = 0.8

h = 11.2 in.
p

Qsp = 185.6 in.

It is noted from Table 3.1.2-A that this is Configuration Number 2. Since the loading is not a
symmetrical pair of installations, the final result will be divided by 2 to obtain the increment
for a single installation.

Compute:

(Equation 3.1.2-b)

= (2)(185.6)(33.6)

3.1.2-4



= 12,472 in 2

LR
17.0 (Figure 3.1 1-13, Configuration 2)

zw/hf = 0.88 (Given)

KW1NG
= 0.93 (Figure 3.1.2-6)

KSPAN 1.0 (Figure 3.1.2- 7)

L 0.15 (Figure 3.1.2-8)
"FS

Solution:

(Equation 3.1.2-a)

I
= 260 [(-17.0)(0.93)(1.0) + (0.15)(8.0 - 4.0)]

= -0.0585 (symmetrical pair)

For a single installation,

dC =L 2
=

-0.0585

2
= -0.02925

The calculated value of dCL F S is combined with wing-store increments in the Sample Problem of
Section 3.1.3 to illustrate a complex loading configuration. Comparison of the calculated results
with test data is provided in that section.

B. TRANSONIC

The method presented in Paragraph A of this section is also valid for transonic speeds. The user is
cautioned that the &ccuracy of the method is less than that expected in the subsonic speed range;
and test data should be used whenever possible.

C. SUPERSONIC

The method presented in Paragraph A of this section is also valid for supersonic speeds. The
expected accuracy of the method is comparable to that in the subsonic range. The maximum Mach
number provided in the design figures indicates the level to which the method is substantiated.
Caution should be used when extrapolating the data beyond the Mach range provided in the
figures.
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3.1.3 TOTAL AIRCRAFT LIFT INCREMENT DUE TO EXTERNAL STORES

A method is presented in this section for estimating the total aircraft lift-coefficient increment due
to external-store installations. The method predicts the increments for symmetric, asymmetric. and
multiple-installation loading configurations.

The Datcom method is taken from Reference I and is empirical in nature. The method is applicable
to aircraft of conventional design and essentially symmetrical store shapes with no m'lior shape
protuberances. The limitations on configuration and Mach-number range are summarized in
Table 3.I-A. Additional limitations and assumptions pertaining to the method are listed below:

I. The method is not applicable to wing-tip or wing-tangent-mounted stores.

2. The method has not been validated for fuselage installations with pylon heights greater
than 10 inches.

3. The method for fuselage-mounted stores is limited to installations which are not mounted
beyond 90 percent of the fuselage semispan from the fuselage centerline.

4. The method has been verified for a Mach-number range between M =0.6 and M =2.0
with a few exceptions. Caution should be used in extrapolating the empirical curves
beyond the given Mach-number range.

5. The method has not been verified for configurations in which flaps, slats or other
flow-disrupting devices are deployed.

6. The method gives the best results for an angle-of-attack range from 0 to 80 , although the
method can be used for higher angles of attack.

7. The data base used in deriving the method relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

8. No method is provided to estimate fuselage and adjacent-store interference effects. These
effects m~y be significant if the separation distances are less than 3 store diameters.
Proximity to engine inlets may also be significant.

9. The method is applicable for sideslip angles less than 4°

The procedure for computing the total lift-coefficient increment requires calculation of the
increments for wing and fuselage installations separately by the methods of Sections 3.1.1 and
3.1.2, respectively. The increments for each installation are then summed to obtain the total
increment.

A. SUBSONIC

DATCOM METHOD

The total aircraft lift-coefficient increment due to external-store installations and based on wing
reference area, Sw ' is given by

3.1.3-1



NS. NA, J

<l.C L = L (<l.CL)j + L (<l.C L)j 3.1.3-a

i=O i=O

where

N
S

is the total number of pairs of symmetrical external-store installations.,

(<l.C Ll, is the incremental lift coefficient due to a pair of symmetrical store installations
where:

For wing-mounted installations

and <l.CL is calculated in Section 3.1.1.
ws

For fuselage-mounted installations

(<l.CL) = <l.CL, FS

and <l.C L is calculated in Section 3.1.2.
FS

NA. is the total number of asymmetrical external-store installations.,

3.1.3-b

3.1.3-c

(<l.CL)j is the incremental lift coefficient due to an asymmetric store installation where:

For wing-mounted installations,

I
= - <l.C

2 LWS
3.1.3-d

and <l.CL is calculated in Section 3.1.1.
ws

F or fuselage-mounted installations

I
(<l.CL)· = - <l.CLJ 2 FS

and <l.CL is calculated in Section 3.1.2.
FS

3.1.3-e

Reference 1 states that prediction errors for incremental lift are nominally 20 percent. This
generally results in an overall accuracy within 2 percent of total aircraft lift. Comparisons of test
and calculated results are presented in Reference I.
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Sample Problem

Given: A swept-wing subsonic fighter aircraft from Reference 2, loaded as follows: (This is a
combination of the configuration of the Sample Problems from Sections 3.1.1 and 3.1.2.)

FRONT VIEW

Spanwise Rack Store No. of Configuration
Station Type Mounting Type Stores Number

Centerline MER Pylon 500-1b Bomb 5 2

Inboard Wing TER Pylon 500-lb Bomb 2 3

Outboard Wing Single Pylon 500·1b Bomb 1 1

Additional Characteristics:

M ~ 0.8

(Additional geometric data are provided in the Sample Problems of Sections 3.1.1 and 3.1.2.)

Compute:

Ns. ~ 2 (inboard- and outboard-wing installations)
I

NA. ~ I (centerline installation)
I

(Equation 3.1.3-b)
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where IlCL is evaluated at the outboard-wing station and computed in the Sample Problem
ws

of Section 3.1.1.

; IlC '; 0.00312
LWS

(Equation 3.I.3-b)

is evaluated at the inboard-wing station and computed in the Sample Problemwhere IlCLWS

of Section 3.1 I.

(IlCL\ for j; I:

I
(IlCL)1 ; "2 IlCL FS (Equation 3.1.3-e)

where IlCL is evaluated at the fuselage-centerline station and computed in the Sample
FS

Problem of Section 3.1.2.

Solution:

NS. NA.
1 1

IlCL
; L (IlCL\ + L (IlCL)j

i=O j=O

2 1

IlCL
; L::(IlCL)i + L (IlCL)j

i=O j=O

= 0.00312 - 0.0 107 ~ 0.02925

; -0.0368

(Equation 3.I.3-a)

Calculated results at additional Mach numbers are shown in comparison to test data from
Reference 2 in Sketch (a).
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The method presented in Paragraph A of this section is also valid for transonic speeds. The user is
cautioned that the accuracy of the method is less than that expected in the subsonic speed range.

C. SUPERSONIC

The method presented in Paragraph A of this section is also valid for the supersonic speed range.
The maximum Mach number provided in the design figures indicates the level to which the method
is substantiated.

REFERENCES

1. Gallagher, A. D .• Jimenez, G., Light, L. E .• and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage. AFF DL-TR-75-95, Volumes I and II, 1975. (U)

2; Watzke, R. E.: Aerodynamic Oats for Model TA4F Operational Flight Trainer, McDonnell Douglas Corporation Report
DAC-67425. 1968. (UI
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3.2 EFFECT OF EXTERNAL STORES ON AIRCRAFT DRAG

Methods are presented in this section for estimating the change in aircraft drag due to external-store
installations. The methods predict an incremental change in drag coefficient. based on wing
reference area, which can be added to the clean-aircraft drag coefficient to obtain the
aircraft-with-stores drag coefficient. These methods are taken from Reference I and are empirical in
nature.

Section 3.2 is subdivided as follows:

Section 3.2.1 Drag at Zero Lift
Section 3.2.1.1 Basic Drag Due to Store Installations
Section 3.2.1.2 Drag Due to Adjacent Store Interference
Section 3.2.1.3 Drag Due to Fuselage Interference

Section 3.2.2 Drag Due to Lift
Section 3.2.3 Total Drag Increment Due to External Stores

The total drag increment is the sum of the incremental. drag at zero lift and the incremental drag
due to lift. These components are computed in terms of equivalent-parasite-drag area for each
installation by the methods of Sections 3.2.1 and 3.2.2 and are combined to obtain the
total-drag-coefficient increment by the method of Section 3.2.3.

The Datcom methods are applicable to aircraft of conventional design and essentially symmetrical
store shapes with no major shape protuberances. The methods are limited to the store-loading
configurations and Mach-number ranges presented in Table 3.2-A. The methods are applicable to
mixed loading configurations obtained by combining two or more loadings specified in Table 3.2-A.
Additional limitations are specifically noted in each of the sections that follow.

3.2-1



TABLE 3.2-A

LOADING AND MACH-NUMBER LIMITATIONS

Mach-
Mounting Carriage Number
Location Mode Mount/Loading Type Range

Pylon - Empty
Single 0.6 .... 2.0

Pylon - Single Store

Pylon ~ Empty MER

Wing Pylon - FUlly Loaded MER

Pylon - Partially LOaded MER
Multiple 0.6 .... 1.6

Pylon - Empty TER

Pylon - Fully Loaded TEA

Pylon - Partially Loaded TEA

Tangent - One Store 0.6 .... 1.6

Tangent - Two or More Stol'es 0.6 .... 0.9

Fuselage Single Pylon - Empty 0.6 .... 2.0

Pylon - One Store 0.6 -+ 1.6

Pylon - Two or More Stores 0.6 .... 0.9

Tangent - One Store Installation
Multiple 0.6 .... 1.6

Pylon - One Store Installation

Adjacent Store Installation
Wing or Interference 0.6 .... 1.2
Fuselage

Additional Drag Due to Lift 0.6 .... 1.6

REFERENCE
1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. c.: Technique for Predicting Aircraft Aerodynamic Effects Due to

External Stores Carriage. AFFDL-TR·75-95, Volumes I and II, 1975. (U)

3.2-2
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3.2.1 DRAGATZEROLIFT

3.2.1.1 BASIC DRAG DUE TO STORE INSTALLATIONS

Methods are presented in this section for estimating the zero-lift equivalent-parasite-drag area due to
a store installation. This drag componen t does not include adjacent-store and fuselage interference
effects (see Sections 3.2.1.2 and 3.2.1.3). The Datcom methods are presented for a particular store
installation type and loading configuration, and are applied separately to each installation
(armament station).

The methods are taken from Reference I and are empirical in nature. The methods are applicable to
aircraft of conventional design and essentially symmetrical store shapes with no major shape
protuberances. The limitations on configuration and Mach-number range are summarized in Table
3.2-A. Additional limitations and assumptions pertaining to the methods are listed below; however,
some additional limitations pertaining to a specific method are given in the method descriptions.

I. The empirical design curves used in the methods generally do not provide data below
M = 0.6, although the methods have been verified for some cases below this speed.
Caution should be used when extrapolating the curves beyond the given Mach range.

,
2. The methods are not applicable to wing-tip and wing-tangent-mounted stores.

3. The methods have not been verified for configurations in which flaps, slats, or other
flow-disrupting devices are deployed.

4. The angle-of-attack range is from zero to cruise angle of attack.

5. The data base used in deriving the methods relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

6. The methods are applicable for sideslip angles less than 40 .

Methods are presented for the following particular store installation type and loading configura
tions:

Wing-Mounted Empty Pylon
Wing-Pylon-Mounted Single Store
Wing-Pylon-Mounted Empty MER
Wing-Pylon-Mounted Fully Loaded MER
Wing-Pylon-Mounted Partially Loaded MER
Wing-Pylon-Mounted Empty TER
Wing-Pylon-Mounted Fully Loaded TER
Wing-Pylon-Mounted Partially Loaded TER
Fuselage-Tangent-Mounted Stores (Two or More Single Stores)
Fuselage-Mounted Empty Pylon
Fuselage-Pylon-Mounted Stores (Two or More Single Stores)
Fuselage-Tangent-Mounted Single Store (One Installation)
Fuselage-Tangent-Mounted MER (One Installation)
Fuselage-Pylon-Mounted Single Store (One Installation)
Fuselage-Pylon-Mounted MER (One Installation)

3.2. I.l-I



A. SUBSONIC

DATeOM METHODS

The Datcom user should proceed directly to the method appropriate to the particular store
installation type and loading configuration of interest.

Wing-Mounted Empty Pylon

The zero-lift equivalent-parasite-drag area (ft2) due to the basic installation is given by

DB = (B x x + K
x
2) [KCJK t

prn
" ( 2 ) (0.35 + 0.2167R u )] + DpR

x 144 0.04 c + c
PlOP Plow

where

3.2.I.I-a

B
xx

is an empty-pylon drag factor obtained from Figure 3.2.1.1- 20 as a function of Mach
number and Sp, the pylon frontal area obtained by measuring the maximum
cross-sectional area of the isolated pylon.

Kxx IS an empty-pylon correlation ratio obtained from Figure 3.2.1.1-2Ia as a function of
Mach number and xA FT Ie. The value of xA FT is the longitudinal distance (in.) from
the local wing trailing edge to the trailing edge of the store installation (or pylon
trailing edge for the empty-pylon case), positive in the aft direction. (See Sketch (a).)
The value of c is the local wing chord (in.) at the particular store or pylon station.
(See Sketch (a).)

t-------,c--------.~I

PYLON
C

F'ol----- Plow -----<.-)

SKETCH (a)

K
CJK

is a pylon Mach-number correlation parameter obtained from Figure 3.2.1.1-21 b as a
function of Mach number.

t is the maximum pylon thickness (in.).
P'max

3.2.1.1-2



c is the pylon-top-chord length (in.) at the wing-pylon juncture. (See Sketch (a).)
Ptop

c is the pylon-bottom chord length (in.). (See Sketch (a).)
Plow

Ru is a pylon-underside-roughness factor given by

Ru = 3, for the pylon-underside case (typical of wind-tunnel model)
or for loaded pyIons.

Ru 4, for a rough-pylon-underside case (typical of full-scale hardware). 3.2.1.I-b

Ru = 5, for an extremely rough-pylon-underside case, Le.,
containing large cavities.

DpR is the pylon-rack equivalent-parasite-drag area (ft2) given by Figure 3.2.1.1.- 22a as a
function of Mach number.

Wing-Pylon-Mounted Single Store

The zero-lift equivalent-parasite-drag area (ft2) due to the basic installation is given by separate
equations at discrete Mach numbers. To obtain values at intermediate Mach numbers, interpolation
must be used.

For M = 0.6:

3.2.I.I-c

where

B is the equivalent-parasite-drag area (ft2) computed at M = 0.90 and given by

3.2.I.I-d

where

DrLP is the equivalent-parasite-drag area (ft2) of the installed loaded pylon given by
DB in Equation 3.2.1.I-a evaluated at M = 0.90 and Ru = 3.

Drs is the isolated-store equivalent-parasite-drag area (ft2) at M = 0.90, given by

3.2.1.1-e

where

S. is the store maximum cross-sectional area (ft2).

3.2.1.1-3



is the isolated-store drag coefficient at zero lift based on store
maximum cross-sectional area. This term can be provided by the
user, or can be estimated by using Section 4.2.3.1.

D, is the equivalent-parasite-drag area (ft2) due to pylon-stare-aircraft interference
at M = 0.90, given by

3.2.1. I-f

where

is the equivalent-parasite-drag area (ft2) due to store-to-aircraft
interference given by Figure 3.2.1.1-22b as a function of xAFT/c,
where xA FT and c were previously defined for the wing-mounted
empty-pylon case.

u-y is a lateral drag interference factor (ft) obtained from Figure
3.2.1.1- 23a as a function of y, the fraction of wing semispan
location of the store station measured from the aircraft centerline.

vx is a longitudinal drag interference factor (ft) obtained from Figure
3.2.1 .1-23b as a function of xAFT/c.

E
u

is a pylon-height interference factor (ft2 lin.) obtained from Figure
3.2.1.1- 23c as a function of xA FT/c.

h
p

is the average pylon height (in.). (See Sketch (a).)

is the equivalent-parasite-drag area (ft 2) obtained from Figure 3.2.1.1-24 as a function
of B.

For M = 0.8:

DB = B + 0.86

where Band 6 were defined previously.

For M = 0.9:

where B is given by Equation 3.2.I.I-d.

For M > 0.9, see Paragraphs Band C of this section.

Wing-Pylon-Mounted Empty MER

The zero-lift equivalent-parasite-drag area (ft2) due to the basic instaliation is given by

3.2.1.1-4

3.2.I.I-g

3.2.I.I-h

3.2.I.I-i



where

D'LP is defined In the Wing-Pylon-Mounted Single-Store Case.

DMSB is the MER sway-brace equivalent-parasite-ctrag area (ft2) obtained from Figure
3.2.1.1-25 as a function of Mach number.

D1MR is the installed-MER equivalent-parasite-drag area (ft2) given by

3.2.1.1-)

where

is a MER forward-longitudinal-placement term (ft2) obtained from Figure
3.2.1.1-26 as a function of xFWD/c and Mach number, where xFWD is the
distance from the local wing leading edge to the store/pylon nose (in.),
positive for store nose aft of the local wing leading edge. (See Sketch (a).)
The value of c is the local wing chord (in.) at the particular store or
pylon station. (See Sketch (a).)

is a MER aft-longitudinal-placement term (ft2) obtained from Figure
3.2.1.1-27 as a function of xAFT/c and Mach number, where xAFT was
previously defined for a Wing-Mounted Empty-Pylon Case. (See
Sketch (a).)

Wing-Pylon-Mounted Fully Loaded MER

The zero-lift equivalent-parasite-drag area (ft2) due to the basic installation is given by

3.2.1.I-k

where

D EM is the empty-MER equivalent-parasite-drag area (ft2) given by DB from Equation
3.2.1.1-1.

DIS is the isolated-store equivalent-parasite-drag area at M = 0.9. (See Equation
3.2.1.I-e.)

DIM is the equivalent-parasite-drag area (ft2) due to store-MER-aircraft interference, given
by

where

DJM = M (Ze 2ctw _ 30) + M,
Is 144c ,

3.2.1.1-2

is a store-MER-aircraft-interference Mach-eorrelation factor obtained from
Figure 3.2.1.1-28 as a function of Mach number.
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Z, is the vertically projected length of the store installation on the aircraft
wing (in.). (See Sketch (b).)

dw is the maximum width of the store installation (in.) not including
protruding fins. (See Sketch (b).)

c is the local wing chord (in.) at the particular store or pylon station. (See
Sketch (a).)

SKETCH (b)

is a MER adjacent-store separation factor (ft2) obtained from Figure
3.2.1.1-29 as a function of Mach number and de/cis, where

de is the minimum clearance between adjacent stores. (See Figure
3.2.1.1-29.)

ds is the maximum store diameter.

Wing-Pylon-Mounted Partially Loaded MER

The zero-lift equivalent-parasite-drag area (ft2) due to the basic installation is given by

3.2.1.I-m
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where

DEM was defined in the Wing-Pylon-Mounted Fully Loaded MER Case.

Ns is the total number of stores attached to the MER.
M

T F is the tandem-stores factor given by

TF
; 1.00 for Ns

; I , 5 or 6 stores
M

; 1.00 for NS
; 4 stores total with one store in tandem

M

; 0.90 for Ns
; 4 stores total with two stores in tandem

M

; 1.0 for Ns ; 3 stores total with one store in tandem
M

; 1.10 for Ns
; 3 stores total with none in tandem

M

; 0.90 for Ns
; 2 stores total with one store in tandem

M

3.2.I.I-n

; 1.10 for NsM
2 stores total w,ith none in tandem

DFLM is the zero-lift equivalent-parasite-ctrag area (ft2) due to a fully loaded MER given by
DB in Equation 3.2.I.I-k.

Wing-Pylon-Mounted Empty TER

The zero-lift equivalent-parasite-ctrag area (ft2 ) due to the basic installation is given by

3.2.1.1-0

where

D1LP is defined in the Wing-Pylon-Mounted Single-Store Case.

DTSB is the TER sway-brace equivalent-parasite-ctrag area (ft2) obtained from Figure
3.2.1.1-30 as a function of Mach number.

D1TR is the installed-TER equivalent-parasite-ctrag area (ft2) given by

3.2.1.1-p

where

is a TER forward-longitudinal-placement term (ft2) obtained from Figure
3.2.1.1-31 as a function of xFWO/c and Mach number, where xFWO and
c was previously defined for a Wing-Pylon-Mounted Empty-MER Case.
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is a TER aft-longitudinal-placement term (ft2) obtained from Figure
3.2.1.1-32 (ft2) as a function of xAFT/c and Mach number, where xAFT
was previously defined for a Wing-Mounted Empty-Pylon Case.

Wing-Pylon-Mounted Fully Loaded TER

The zero-lift equivalent-parasite-drag area (ft2) due to the basic installation is given by

3.2.1.1'1

where

DET is the empty-TER equivalent-parasite-drag area (ft2) given by DB from Equation
3.2.1.1-o.

DIS is the isolated-store equivalent-parasite-drag area (ft2) at M = 0.9, given by Equation
3.2.1.1-e.

DIT is the equivalent-parasite-drag area (ft2 ) due to store-TER-aircraft interference given
by

3.2.1.1-r

where:

is a store-TER-aircraft-interference Mach-correlation factor obtained from
Figure 3.2.1.1-33 as a function of Mach number.

ze' d
w

and c were previously defined in the Wing-Pylon-Mounted Fully

Loaded-MER Case.

is a TER adjacent-store separation factor (ft2) obtained from Figure
3.2.1.1-34 as a function of Mach number and de/dii. where de and ds are
defined in the Wing-Pylon-Mounted Fully-Loaded-MER Case.

Wing-Pylon-Mounted Partially Loaded TER

The zero-lift equivalent-parasite-drag area (ft2 ) due to the basic installation is given by:

3.2.1.1-s

where

DET is the empty-TER equivalent-parasite-drag area (ft2) given by DB from Equation
3.2.1.1-0.
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Ns is the number of stores attached to the TER.
T

D
FL

T is the zero-lift equivalent-parasite-drag area (ft2) due to a fully loaded TER given by
DB in Equation 3.2.1.1-q.

Fuselage-Tangent-Mounted Stores
(Two or More Single Stores)

The Datcom Method for this configuration is applicable only for 2 or 3 store-row installations
mounted on the fuselage bottom surface, and for a Mach-number range of from 0.6 to 0.9. The
following additional limitations apply:

I. Same number of stores per row for two- or three-row configurations.

2. Constant fuselage-station location for all stores on a given row.

3. Constant longitudinal space between all stores in tandem, for two- or three-row
configurations.

4. Constant lateral space between all stores.

5. Coincident store centerlines for stores in tandem (maximum number of stores in
tandem = 3; maximum number of stores/row = 5; staggered store arrangements not
included).

6. Effective store-diameter range: 8.0 to 11.5 inches.

7. All stores in one installation must be identical.

Due to the nature of this method, the zero-lift equivalent-parasite-drag area, DB' is comI?uted for all
stores taken together. In order to be consistent with the values of DB computed by other methods
in this section, the entire group of stores is considered to be one installation.

The zero-lift equivalent-parasite-drag area (ft2) due to the basic installation is given by:

3.2.I.I-t

where

n, is the number of stores per row.

DFR is the fuselage-rack equivalent-parasite-drag area and is a function of the number of
rows of stores mounted on the fuselage:

3.2.1.1-u

3.2.1.1-v

3.2.1.1-w

3.2.1.1-9



wh~re

at 3
2

, and 3
3

are store-diameter correlation factors obtained from Figure
3.::'.1.1-35 as a function of the maximum store diameter ds '

hi' b
2

, and b
3

are store-row Mach-correlation factors obtained from Figure
3.::'.1.1-36 as a function of Mach number.

DIS is the isolated-store equivalent-parasite-drag area (ft2) at M ~ 0.9, given by Equation
3.2.1.1-e.

K
N

I is a plan form and store-location factor given by

3,2.1.I-x

where

Ko is a store frontal-area factor given by
I

3.2.1.1-y

where

Ks is a Mach-effect factor for Ko obtained from Figure 3.2.1.1-37aas
M a function of Mach num ber. 1

is the store maximum cross-sectional area (ft2).

SB is the maximum-fuselage frontal area (ft2).

Ko is the wing-sweep-and-Iocation factor obtained from Figure 3.2.1.1-37b as
2 a function of wing leading-edge sweep, wing location, and Mach number.

is a tandem-spacing factor obtained from Figure 3.2.1.1-38a as a function
of Mach number and Xo L' the ratio of longitudinal spacing between
tandem stores to the store length.

is a lateral-spacing factor obtained from Figure 3.2.1.1-38b as a function of
Yoo ' the ratio of the minimum lateral distance (excluding fins) between
stores to the maximum store diameter.

KDS and K06 are store-rows and stores-per-row correlation factors respectively,
obtained by using Table 3.2.I.I-A.
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TABLE 3.2.1.1·A

KO ANO K
O

COMPUTATION
5 6

No. of
Correlation Store Rows or

Factor Stores Per Row Figure No. or Value

, Figure 3.2.1.1-39a

KO 2 Figure 3.2.1.1- 39b
5 3 1.0

, Figure 3.2.1.1-·40

KO 2 Figure 3.2.1.1-41a
6 3 Figure 3.2.1.1-41b

It should be noted that K
D

for the case of 3 store rows is only substantiated
forO.6<:;;M<:;;0.9. 5

is a store longitudinal-location factor obtained from Figure 3.2.1.1-42a as a
function of Mach number and x , the ratio of the distance between the,
aircraft nose and the store nose of the most forward store to the
aircraft-fuselage length.

Fuselage-Mounted Empty Pylon

The Datcom Method for this configuration is applicable for a pylon-frontal-area range of from 20 to
170 square inches, and only for pylons mounted on the bottom surface of the fuselage. The zero-lift
equivalent-parasite-drag area (ft2

) due to the basic installation is given by

[ t ~ 1 ]Pmax 2
DB = Bxx KCJK 0.04 c + c (0.35 + 0.2167Ru )

P top Plow

where all of the above terms are defined in the Wing-Mounted-Empty-Pylon Case.

Fuselage-Pylon-Mounted Stores
(Two or More Single Stores)

3.2.1.I-z

The Datcom Method for this configuration is subject to the same limitations given for the
Fuselage-Tangent-Mounted Stores Case. Due to the nature of the method, the-zero-lift equivalent
parasite-drag area, DB' is computed for all stores taken together. In order to be consistent with the
values of DB computed by other methods in this section, the entire group of stores is considered to
be one instaIlation. The zero-lift equivalent-parasite-drag area (ft2 ) due to the basic installation is'
given by

3.2.1.I-aa

where

np is the number of pylons.
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n,

is the zero-lift equivalent-parasite-drag area (ft2) due to the fuselage-mounted empty
pylon given by DB in Equation 3.2.1.I-z with Ru = 3.0.

is the number of stores per row.

is the fuselage-rack equivalent-parasite-drag-area (ft2) contribution given by Equations
3.~.1.1-u, v, w.

is a store-depth factor obtained from Figure 3.2.1.1-42b as a function of Mach number
and XOL ' the ratio of longitudinal spacing between tandem stores to the store length.

is a pylon-depth factor obtained from Figures 3 .2.1.1-43a through -430 as a function
of Mach number, number of rows, number of stores per row. and HOD where

3.2.1.I-bb

is the average pylon height (in.).

is the maximum store diameter (in.).

KNI is a planform and store-location factor defined by Equation 3.2.1.I-x.

DIS is the isolated-store equivalent-parasite-drag area (ft2) at M = 0.9, given by Equation
3.2.1.1-e.

Fuselage-Tangent-Mounted Single Store
(One Installation)

11,e zero-lift equivalent-parasitc-drag area (ft2) due to the basic installation is given by

3.2.1.I-cc

where

KIF is an ·installation factor obtained from Figures 3.2.1.1-51a through -51g for single
stores, as a function of Mach number, fuselage bottom surface shape (bottom surface
either curved or straight), the maximum depth of the store installation measured from
the bottom surface of wing z (in.), and the average pylon height (in.) hp '

DpR is the pylon-rack equivalent-parasite-drag area (ft2) given by Figure 3.2.1.1-22a as a
function of Mach number.

DIS is the isolated-store equivalent-parasite-drag area (ft2) at M =0.9, given by Equation
3.2.1.I-e.

3.2.1.1-12



I· usclage-Tangcnt-Mounted Mto R
lOne I"stallation)

The DatLoIll ~1ethod tor tim configuration is limited to a single MI,R Installation tangent mounted
on the' bottoIll of the fuselage. The lero-lift equivalent-parasite-drag area (ft2, due to the bam'
lI1~tallation is given by

3.2.1.1-<ld

where

KIF IS an installation factor for tangent-mounted stores obtained from Figures 3.2.1.1-64a
through -'54g for MER installations.

D
pR

is the pylon-rack equivalent-parasite-drag area (ft2) given by Figure 3.2.I.I-22a as a
function of Mach number.

DIS is the isolated·store equivalent-parasite-drag area (ft2
) at M = 0.9, given by Equation

3.2.I.1-e

D
M

SB is the MER-sway-brace equivaknt-parasite-drag area (ft2) obtained from Figure
3.2.1.1-25 as a function of Mach number.

D
MRF

is the zero-lift equivalent-parasite-drag area (ft2) due to MER-rack-to-fuselage
interference obtained from Figure 3.2.1.1-57 as a function of Mach number.

Fuselage-Pylon-Mounted Single Store
(One Installation)

The Datcom Method for this configuration is applicable for a pylon-frontal-area range of from 20 to
170 square inches, and only for pylons mounted on the bottom surface of the fuselage. The zero-lift
equivalent-parasite-drag area (ft2) due to the basic installation is given by

3.2. Ll-ee

where

KIF is an installation factor as defined for the Fuselage-Tangent-Mounted Single-Store
Case, obtained from Figures 3.2.1.1-5Ia through -5Ig.

DpR is the pylon-rack equivalent-parasite-drag area (ft2) given by Figure 3.2.1.1-22a as a
function of Mach number.

DIS is the isolated-store equivalent-parasite-drag area (ft2) at M = 0,9, given by Equation
3.2.1.1-e.

DILP is the equivalent-parasite-<irag area (ft2) of the installed loaded pylon given by DB
from Equation 3.2.I.I-z with Ru = 3,0.
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Fuselage-Pylon-Mounted MER
(One Installation)

The Datcom Method for this configuration has the same limitations as the previous case. The
zero-lift equivalent-parasite-drag area (ft2) due to the basic store installation is given by

3.2.1.1-ff

where

is an IIlstallation factor as defined for the Fuselage-Tangent-Mounted MER Case,
obtained from Figures 3.2.1. 1-54a through 3.2.1 .1-54g.

is the pylon-rack equivalent-parasite-drag area (ft2) given by Figure 3.2.1.1-22a as a
function of Mach number.

is the isolated-store equivalent-parasite-drag area (ft2) at M = 0.9, given by Equation
3.2.1.1-e.

D1LP is the installed-loaded-pylon equivalent-parasite-drag area (ft2) given by DB from
Equation 3.2.1.I-z with Ru = 3.0.

DMRF is the zero-lift equivalent-parasite-drag area (ft2) due to MER-rack-to-fuselage
interference obtained from Figure 3.2.1.1-57 as a function of Mach number.

DMSB is the MER-sway-brace equivaJent-parasite-drag area (ft2) obtained from Figure
3.2.1.1-25 as a function of Mach number.

Sample Problem

Given: A swept-wing subsonic fighter aircraft (Reference 2) symmetrically loaded at the inboard
wing stations with pylon-mounted TER's, each containing two 500-lb bombs.

FRONT VIEW
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Aircraft Data c

Store Data.

S = 07~5 ttl
rr

Installation Data

121 5 m

CD = 0.1\
rr

ds ::: 12111.

4.7 in. 66.9 in. c = 66.9 in.
Plow

X'FT = -49.6 in.

z 70.4 in.
c

Additional Data:

M = 0.6

X
FWD

=-1004 m. de = 3.2 in. 25.6 in.

Compute: (Method . Wing-Pylon-Mounted Partially Loaded TER)

Since the installation is symmetrical, only one side need be computed.

(Equation 3.2.1.1-s)

Expand the above equation to identify the terms which need to be computed:

(Equation 3.2.1.1-0)

(Equation 3.2.I.I-q)

Find D1LP :

X
AFT -49.6

= -- -00408
c 121.5

B"" = 0.106 (Figure 3.2.1.1-20)

K"" = 0.16 (Figure 3.2.1.1-21a)

KCJK = 0.25 (Figure 3.2.1.1-21b)

DpR
= 0.088 ft2 (Figure 3.2.1.1-22a)
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t
pmax

( 2) ]-- ----''--- (0.35 + 0.2167R u )
004 c + c

. Ptop Plow

(Equation 3.2.1 I-a)

[ (
51.3)]( (4.7) (2)[0.35+(0.2167)311

0.106+10.16) ~ <0.25)-- +0.088
144 (0.04) (66.9 + 069)

= 0.160 ft2

Find DTSB :

DTSB = 0.180 ft2 (Figure 3.2.1.1-30)

Find DITR :

c

-10.4
-- = -0.0850
121.5

R
F

= 0 (Figure 3.2.1.1-31)
T

R
A

= 0.300 (Figure 3.2.1.1-32)
T

0+ 0.300 = 0.300 ft2 (Equation 3.2.I.I-p)

(Equation 3.2.1.1-0)

= 0.160+0.180+0.300

= 0.640 ft 2

Find DIs:

DIS = S.CD = (0.785)(0.11)
•

= 0.0864 ft2

(Equation 3.2.I.I-e)

3.2.1.1-16
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040

0.267

(Figure 3.2.1.1-34)

T. (Z,2 UW ~I --- 10 +T
11

(Equation 3.2.1.I-r)
s 144c

0.005 f(704)2(25.6) __ 10] + 040
(144)( 121.5)

0.386 fI2

Find DfL T:

(Equation 3.2.1.1-q)

~ 0.640 + (3) (0.0864) + 0.386

~ 1.285 ft2

Solution:

(, NST)
DB ~ Dn \1 ..- -3- + D FLT (Equation 3.2.1.1-s)

~ 0.640 (I -~) + 1.285 ~ 1.498 ft 2 (one side)

This result is used in the Sample Problem of Paragraph A of Section 3.2.3 as part of the
total-drag-increment computation.

B. TRANSONIC

The method presented in Paragraph A of this section is also valid for transonic speeds with the
exception of the following fuselage-mounted configurations which are limited to M 0;;; 0.9:

1. Two or more stores tangent-mounted in single-carriage modes.

2. Two or more stores pylon-mounted in single-carriage modes.

The method presented in Paragraph A for the Wing-Pylon-Mounted Single-Store Case requires
additional equations in the transonic speed range. Separate equations for DB are required at discrete
Mach numbers as in the subsonic case. To obtain values at intermediate Mach numbers,
interpolation must be used.
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Wing-Pylon-Mounted Single Store

For M ~ 0.9:

whefl~

B IS given by Equation 3.2.1.I-d.

For M ~ 0.<)5:

B (Equation 3.2.1.I-h)

whl'fC

3.2.1.1-gg

B is given by Equation 3.2.1.I-d.

TA is a transonic-supersonic correlation factor obt(lined from Figure 3.2 .1.1-58a a~ a
function of xFWD ' xAFT ' and c where

X
FWO

is the longitudinal distance from the local wing leading edge to the
store/pylon nose (in.), positive for store nose aft of the local wing leading
edge. (See Sketch (a).)

X
ArT

is the longitudinal distance (in.) from the local wing trailing edge to the
trailing edge of the store installation (or pylon trailing edge for the empty
pylon case), positive in the aft direction. (See Sketch (a),)

c is the local wing chord at the local store or pylon station (in.), (See
Sketch (a).)

S is the maximum store cross-sectional area (ft2 ).
n

P is a clean-aircraft drag-rise factor obtained from Figure 3.2.1.1-58b as a function of
the clean-aircraft drag-rise factor, C~ , where

o

Co at M ~ 1.05

C'
0

~ 3.2.1.1-hh
DO CD at M ~ 0.6

0

where

is the clean-aircraft zero-lift drag coefficient from test data or estimated
from Section 4.5.3.1.
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For M 1.05:

3.2.1.I-ii

where B. T
A

• S.,and P are defined above.

For M = 1.20:

3.2.1.1-jj

where B. TA • and S. are defined above.

The user is cautioned that the accuracy of the method is less than that of the subsonic speed range,
and test data should be used whenever possible.

C SUPERSONIC

The method presented in Paragraph A of this section is also valid for supersonIc speeds within the
Mach-numhcr limits specified in Table 3.2-A. The method presented in Paragraph A for the
Wing-Pylon-Mounted Single-Store Case requires the following modification in the supersonic speed
range.

Wing-Pylon-Mounted Single Store

For M = 1.60 to M = 2.00:

DB is obtained from Figures 3.2.1.1-59a and -59b as a function of B + T
A

S•.

TIle user should exercise caution in extrapolating the method beyond the specified
Mach-number range.

REFERENCES
1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to

External Stores Carriage. AFFOL-TA-75-95, Volumes I and II, 1975. (UI

2. Watzke, R. E.: Aerodynamic Data for Model TA4F Operational Flight Trainer. McDonnell Douglas Corporation Rept.
DAC-{i7425, 1968. (U)
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3.2.1.2 DRAG DUE TO AD JACENT STORE INTERFERENCE

A method is presented in this section for estimating the zero-lift equivalent-parasite-drag area due to
the interference effects of a pair of adjacent store installations. When separate installations are
mounted sufficiently close to each other, an interference effect on drag is produced which should
be accounted for in the total drag estimate. This effect may be either positive or negative,
depending upon the relative positions of the store installations. The effect is computed for each pair
of adjacent installations on the aircraft. For example, the aircraft pictured in Sketch (a) would
req uire three computations.

PAIR 2

SKETCH (a)

The Datcom Method is taken from Reference I and is empirical in nature. The method is applicable
to aircraft of conventional design and essentially symmetrical store shapes with no major shape
protuberances. The limitations on configuration and Mach-number range are summarized in
Table 3.2-A. Caution should be used when extrapolating the curves beyond the given Mach-number
range. The method has not been verified for configurations in which flaps, slats, or other
flow-disrupting devices are deployed.

A. SUBSONIC

DATCOM METHOD

The zero-lift equivalent-parasite-drag area (ft2 ) due to the mutual interference of adjacent store
installations per pair of adjacent store installations is given by DJ where

S

is obtained from Figures}.2.1.2-4a through -4c as a function of Mach number, Ys' dw

dw ' TN' and ~AFT' L
A

where these terms are illustrated in Sketch (b) and defined as

Ys is the minimum lateral clearance (in.) between adjacent-store installations
(store surface to store surface).

3.2.1.2-1



d
WL

is the maximum width (in.) of the lead- (most forward) store installation.

d is the maximum width (in.) of the aft-store installation.wA

TN is the distance from the nose of the aft-store installation to the tail of the
lead-store installation (in.)

QAFT is the length (in.) of the aft-store installation.

It is necessary to use interpolation for Mach numbers not presented in the figures.

dw
At

TTl ·~'ft
TN IIV,II

I I II
QAFT \ I I I' ,

I I II

\ : MU1
~ ~

( \ /)
I..L__-L...><..->--

SKETCH (b)

Sample Problem

Given: A swept-wing aircraft symmetrically loaded as shown in Sketch (b).

Stores Data:

Ys = lOin. d = 42 in.
w L

d = 40 in.wA
TN = 135 in. QAFT = 205 in.

Additional Data:

M = 0.7

3.2.1.2-2



Compule. Referring to Figures 3.2.1.2-4a through -4c, it can be seen that data are presented for
M = 0.6. 0.9. and 1.2. It will, therefore, be necessary to obtain OJ at each of the three
Mach numbers and interpolate to obtain the value at M = 0.7. 5

Compute the independent variables for Figures 3.2.1.2-4a through -4c:

Ys 10
= = 0.122

d +d 42 + 40wL w
A

TN 135
Q
AFT

- = 0.659
205

Solution:

AtM 0.6 OJ 0.075 ft2 (Figure 3.2.1.2-4a)
5

AtM 0.9 OJ 0.460 ft2 (Figure 3.2.1.2-4b)
5

AtM = 1.2 OJ 0.265 ft2 (Figure 3.2.1.2-4e)
5

Interpolating the above three points at M = 0.7 yields 01 = 0.230 ft2
5

B. TRANSONIC

The method presented in Paragraph A of this section is also applicable in the transonic speed range.

C. SUPERSONIC

The method presented in Paragraph A of this section is also applicable in the supersonic speed
range. Although no design curves are presented beyond M = 1.2, the existing curves can be cross
plotted and extrapolated to M = 1.6 with reasonable success.

REFERENCE
1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to

External Stores Carriage.AFFDL-TR-75-95. Volumes I and II, 1975. (U)
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;~.2.1.;1 DRAG Ill'E TO FUSELAGE INTERFERENCE

A method is presented in this section for estimating the zero-lift equivalent-parasite-drag area due to
the mutual interference effect of a store installation and the adjacent fuselage. This effect is present
for wing-mounted stores on high-wing aircraft which are mounted sufficiently close to the fuselage.
The interference effect on low-wing aircraft is negligible.

The Datcom Method is taken from Reference 1 and is empirical in nature. The method is applicable
to aircraft of conventional design and essentially symmetrical store shapes with no major shape
protuberances. The limitations on configuration and Mach-number range are summarized in
Table 3.2-A, with the following exception: The method is valid to a maximum Mach number of
0.95. The design curves should not be extrapolated to higher Mach numbers due to the uncertain
nature of the interference effects. Caution should be used in extrapolating the curves below
M = 0.6. The method has not been verified for configurations in which flaps, slats, or other
flow-disrupting devices are deployed.

A. SUBSONIC

DATCOM METHOD

The zero-lift equivalent-parasite-drag area (ft2) due to the mutual interference of store installation
and adjacent fuselage is given by D1r where D1r is obtained from Figure 3.2.1.3-3 as a function of
Mach number and the minimum clearance between the store installation and the fuselage, Li Y (in.).
(See Sketch (a).)

Note that D
1

= 0 for low-wing aircraft.
I'

SKETCH (a)

Sample Problem

Given: A high-wing aircraft with a pylon-mounted single store as shown in Sketch (a).

Solution:

M = 0.75 LiY = 12 in.

(Figure 3.2.1.3-3)

3.2.1.3-1



B. TRANSONIC

The method presented in Paragraph A of this section can be applied in the transonic speed range up
to a Mach number of 0.95. Extrapolation of the data beyond this Mach number is not
recommended due to the uncertain nature of the interference effects.

C. SUPERSONIC

No method is presented to estimate the fuselage-interference effect on drag in the supersonic speed
range.

REFERENCE
1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to

External Stores Carriage. AFFDL-TR-75-95, Volumes 1 and II, 1975. lU)
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3.2.2 DRAG DUE TO LIFT

A method is presented in this section for estimating the lift-induced equivalent-parasite-elrag area
due to an external-store installation. The method is applied separately to each installation
(armament station). For all fuselage-mounted store installations, the equivalent-parasite-drag area
due to lift is considered to be negligible.

The Datcom Method is taken from Reference I and is empirical in nature. The method is applicable
to aircraft of conventional design and essentially symmetrical store shapes with no major shape
protuberances. The limitations on configuration and Mach-number range are summarized in
Table 3.2-A. Additional limitations and assumptions pertaining to the method are listed below:

I. The empirical design curves used in the method do not provide data below M ; 0.6,
although the method has been verified for some cases below this speed. Caution should be
used when extrapolating the curves below the given Mach-number range.

2. The method is not applicable to wing-tip and wing-tangent-mounted stores.

3. The method has not been verified for configurations in which flaps, slats or other
flow-disrupting devices are deployed.

4. The angle-olCattack is from zero to cruise angle of attack.

5. The data base used in deriving the method relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

6. The method is applicable for sideslip angles less than 4° .

A. SUBSONIC

DATCOM METHOD

The store-installation drag due to lift is a function of aircraft lift coefficient, wing aspect ratio, and
an empirical factor. This drag contribution is negative for all configurations for which the method is
applicable. For wing-pylon-mounted-store installations, the eq uivalent-parasite-drag area (ft2) due
to lift is given by

3.2.2-a

where

CL is the aircraft lift coefficient with store effects based on Sw. This term should be
obtained from test data or can be estimated using Sections 3.1.3 and 4.5.1.1.

Aw is the wing aspect ratio, based on the total trapezoidal planform.

R j is the normalized, incremental drag due to lift obtained from Figure 3.2.2-3 as a function
of z, dw ' and Mach number where

3.2.2-1



z is the maximum depth of the store installation (in.). (See Sketch (a).)

dw is the maximum width of the store installation (in.). (See Sketch (a).)

It is necessary to use interpolation for Mach numbers not presented in the figures.

z
z

SKETCH (a)

Sample Problem

Given: A swept-wing subsonic fighter aircraft (Reference 2) symmetrically loaded at the
inboard-wing stations with pylon-mounted TER's, each containing two 500-lb bombs. This
is the same configuration analyzed in the Sample Problem of Paragraph A of
Section 3.2. I. I.

Additional Data:

M = 0.6

Compute:

'" = 8° C
L

= 0.185 ~ = 2.91 z = 38.1 in. d
w

= 25.6 in.

144
=

(25.6)(38.1 )

144

Solution:

R j = -0.0025 (Figure 3.2.2-3)

(Equation 3.2.2-a)

= (46.875 )(0.185)(2.9I)( -0.0025)

= -0.063 ft2

This result is used in the Sample Problem of Paragraph A of Section 3.2.3 as part of the
total-drag-increment computation.

3.2.2-2



B. TRANSONIC

The method presented in Paragraph A of this section is applicable in the transonic speed range.

C. SUPERSONIC

The method presented in Paragraph A of this section is applicable in the supersonic speed range up
to a Mach number of 1.6. The user should use caution in extrapolating the method beyond this
speed.

REFERENCES

1. Gallagher, R. D .. Jimenez, G., Light. L. E., and Thames. F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage. AFFDL-TR-75-95, Volumes I and II, 1975. (UI

2. Watzke, A. E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer. McDonnell Douglas Corporation Report
DAC-67425. 1968. lUI
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FIGURE 3.2.2-3 NORMALIZED INCREMENTAL DRAG DUE TO LIFT

3.2.2-3



April 1978

3.2.3 TOTAL DRAG INCREMENT DUE TO EXTERNAL STORES

A method is presented in this section for estimating the total incremental change in aircraft drag
coefficient due to external-store installations. The method predicts the increments for symmetric,
asymmetric, and multiple-installation loading configurations. The total drag increment is the sum of
tile incremental drag at zero lift and the incremental drag due to lift. These components are
computed in terms of equivalent-parasite-<lrag area for each installation by the methods of
Sections 3.2.1 and 3.2.2, and combined to obtain the total-drag-coefficient increment by the
method of this section.

The Datcom Method is taken from Reference I and is empirical in nature. The method is applicable
to aircraft of conventional design and essentially symmetrical store shapes with no major shape
protuberances. The limitations on configuration and Mach-number range are summarized in
Table 3.2-A. Additional limitations and assumptions pertaining to the method are listed below:

I. The method has been verified for the Mach-number range given in Table 3.2-A. The user
should use caution in extrapolating the empirical curves beyond the given Mach-number
range.

2. The method is not applicable to wing-tip and wing-tangent-mounted stores.

3. The method has not been verified for configurations in which flaps, slats, or other
flow-disrupting devices are deployed.

4. The angle-of-attack range is from zero to cruise angle of attack.

5. The data base used in deriving the method relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

6. The method is applicable for sideslip angles less than 40 .

The procedure for computing the total-drag-coefficient increment is a summation process in which
equivalent-parasite-drag areas for each store installarion (armament station) are added together and
divided by the wing reference area. Zero-lift-drag contributions are computed by the methods of
Section 3.2.1. These include contributions of the basic installation (computed in Section 3.2.1.1),
adjacent-store interference (computed in Section 3.2.1.2), and fuselage interference (computed in
Section 3.2.1.3). Drag-due-to-lift contributions are computed in Section 3.2.2.

A. SUBSONIC

DATCOM METHOD

The total-aircraft drag-coefficient increment due to external-store installations and based on wing
reference area, Sw ' is given by

3.2.3-a

3.2.3-1



where

is the aircraft wing reference area (ft2).

is the total number of store installations on the aircraft.

is the zero-lift equivalent-parasite-drag area (ft2) at installation j, computed In

Section 3.2.1.1.

is the total number of pairs of adjacent-store installations carried. (See Sketch (a).)

SKETCH (a)

is the zero-lift equivalent-parasite-drag area (ft2) due to the mutual interference of
adjacent-store installations for pair k, computed in Section 3.2.1.2.

is the number of store installations adjacent to the fuselage.

is the zero-lift equivalent-parasite-drag area (ft2) due .to the mutual interference of
store installation Qand adjacent fuselage, computed in Section 3.2.1.3.

is the drag-due-to-lift equivalent-parasite-drag area (ft2) at installation m, computed
in Section 3.2.2.

Reference I states that prediction errors for store incremental-drag are nominally 10 to 15 percent,
resulting in an overall accuracy within 5 percent of the total-aircraft-drag coefficient. A comparison
of test data with results calculated by this method is provided in Table 3.2.3-A. Additional
comparisons of test and calculated results are found in Reference 1.

3.2.3-2



Sample Problem

Given: A swept-wing subsonic fighter aircraft (Reference 2) symmetrically loaded at the
inboard-wing stations with pylon-mounted TER's, each containing two SOO-lb bombs. This
is the same low-wing configuration presented in the Sample Problems of Paragraph A of
Section 3.2.1.1 and Paragraph A of Section 3.2.2.

Additional Characteristics:

M = 0.6

(Additional geometric data are provided in the Sample Problems of Sections 3.2.1.1 and
3.2.2.)

1.498 ft2 (I side)

-0.063 ft2 (I side)

(Sample Problem, Paragraph A, Section 3.2.1.1)

(Sample Problem, Paragraph A, Section 3.2.2)

0 1 = 0 (low-wing configuration)
f

Compute:

N1 = 2 (two store installations)

Np = 0 (No pairs of adjacent store installations)

Solution:

{

NI Np NF

ACD = S~ ~ (Oo)j + ~ (OIS)k + ~

Expanding and noting that Np = 0 and (OI
f
), = 0,

AC =D

(symmetrical installations)

I
= 260 [(2)(1.498) + (2)(-0.063)]

=0.0110

3.2.3-3



Values of t.C" at other Mach numbers are shown in comparison to test data from Reference 2 in
Sketch (h).
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MACH NUMBER, M

SKETCH (b)

.9 1.0

The method presented in Paragraph A of this section is also valid in the transonic speed range. The
user is cautioned that due to the difficulties of predicting drag in the transonic region (especially
interference effectsl, the method is generally less accurate than in the subsonic and supersonic speed
ranges.

C. SUPERSONIC

The method presented in Paragraph A of this section is also valid in the supersonic speed range up
to the Mach-number limits indicated in Table 3.2-A. Caution should be used when extrapolating
data from the figures beyond the given Mach-number range since the method has not been
substantiated beyond these limits.

REFERENCES

1. Gallagher, R. D.• Jimenez, G., Light. L. E.. and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage. AFFDL-TR-75·95, Volumes I and II, 1975. IUl

2. Watzke. A. E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer. McDonnell Douglas Corporation Rapt,
DAC-67425.1968. (U)

3. Bonine, W. J., et al.: Model F/RF·4B-C Aerodynamic Derivatives. McDonnell Douglas ~orpor8tion Rept, 9842, 1964 (Rev.
19711. IU)
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TABLE 3.2.3-A

SUBSONIC EXTERNAL·STORE DRAG
DATA SUMMARY AND SUBSTANTIATION

",CD ",CD ",CD

Ref loading Description • M calc test calc-test

2 Wing Station Mounting Cruise 0.6 0.00061 0.00060 0.00001
Left Inboard Pylon: Empty ! 0.8 0.00066 0.00071 -0.00005

0.9 0.00087 0.00090 -{l.00003
0.95 0.00113 0.00105 0.00008

Fuselage Station Mounting Cruise 0.6 0.00044 0.00061 -0.00017
Centerline Pylon: Empty

i
0.8 0.00052 0.00076 ~O.OOO24

0.9 0.00067 0.00098 -0.00031
0.95 0.00084 0.00117 -0.Q0033

Wing Station Mounting Cruise 0.6 0.00141 0.00090 0.00051
Left Inboard Pylon-Mounted Single: SOO-Ib bomb t 0.8 0.00139 0.00111 0.00028

0.9 0.00169 0.00195 -0.00026

Wing Station Mounting Cruise 0.6 0.0110 0.0058 0.0052
Left Inboard Pylon-Mounted TEA: 2 50Q·lb bombs

i
0.8 0.0172 0.0076 0.0096

Right Inboard Pylon-Mounted TER: 2 5DO-tb bombs 0.9 0.0195 0.0117 0.0078
0.95 0.0250 0.0166 0.0084

Wing Station Mounting Cruise 0.6 0.00308 0.00270 0.00038
Left Inboard Pylon-Mounted MER: Empty

i
0.8 0.00446 0.00344 0.00102
0.9 0.00540 0.00490 0.00050
0.95 0.00582 0.00605 -0.00023

3 Fuselage Station Mounting Cruise 0.6 0.00097 0.00100 -0.00003
Tangent-Mounted Tandem: 4 missiles

Average Error 2.: n 0.00180

3.2.3-5
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3.3 EFFECT OF EXTERNAL STORES ON AIRCRAFT NEUTRAL POINT

Methods are presented in this section for estimating the incremental shift in aircraft neutral point
due to external-store installations. By computing a neutral-point shift due to external stores, the
methods are actually indicating a stability change in terms of a change in slope of the CM - C

L
curve. For most configurations the effect of store loadings is to destabilize the basic aircraft,
although some loadings can result in a stabilizing tendency. The methods are taken from
Reference I and are empirical in nature.

Section 3.3 is subdivided as follows:

Section 3.3.1 Neutral-Point Shift Due to Lift Transfer from Clean Aircraft.
Section 3.3.2 Neutral-Point Shift Due to Interference Effects on Wing Flow Field.
Section 3.3.3 Neutral-Point Shift Due to Change in Tail Effectiveness.
Section 3.3.4 Total Neutral-Point Shift Due to External Stores.

The total neutral-point shift is the sum of the shifts computed by the methods of Sections 3.3.1,
3.3.2, and 3.3.3.

The Datcom Methods are applicable to aircraft of conventional design and essentially symmetrical
store shapes with no major shape protuberances. The methods are limited to the store-loading
configurations and Mach-number range presented in Table 3.3-A. The methods are applicable to
mixed loading configurations obtained by combining two or more loadings specified in Table 3.3-A.
The methods are subject to additional limitations specifically noted in each of the sections that
follow.

TABLE 3.3-A

LOADING AND FLIGHT CONDITION LIMITATIONS

Mach
Mounting Carriage Number CL
location Mode Carriage Rack Range Range

Single Pylon 0.6"" 2.0

MER - Fully Loaded

MER - Partially Loaded
Wing Multiple

TEA - Fullv Loaded

TER - Partially Loaded 0.6 -+ 1.6 0-+0.2

Pyron
Single

Tangent Mounted
Fuselage
(Centerline) Pylon + MER

MUltiple
Tangent MER

REFERENCE

1. Gallagher, A. D., Jimenez, G., Light, L. E.. and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage. AFFDL-TR-75·95. Volumes I and II, 1975. lUI
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3.3.1 NEUTRAL-POINT SHIFT DUE TO LIFT TRANSFER FROM STORE
INSTALLATION TO CLEAN AIRCRAFT

A method is presented in this section for estimating the neutral-point shift due to the transfer of the
lifting characteristics from the external-store instalIations to the clean aircraft. The methop predicts
a neutral-point shift due to alI instalIations (armament stations) on the aircraft. Wing-now-field
interference and horizontal-tail effects are not included in this section (see Sections 3.3.2 and
3.3.3 ).

The Datcom Method is taken from Reference I and is basicalIy theoretical in concept with
empiricalIy-<ietermined factors and coefficients. The method is applicable to aircraft of conven
tional design and essentialIy symmetrical store shapes with no major shape protuberances. The
limitations on configuration and Mach-number range are summarized in Table 3.3-A. Additional
limitations and assumptions pertaining to the method are listed below:

I. The method is not applicable to wing-tip or wing-tangent-mounted stores.

2. The method has been verified for the Mach-number range given in Table 3.3-A. Caution
should be used in extrapolating the empirical curves beyond the given Mach-number
range.

3. The method has not been verified for configurations in which naps, slats or other
now-disrupting devices are deployed.

4. The method gives the best results for an angle-of-attack range from 0 to 80 , although the
method can be used for higher angles of attack.

5. The data base used in deriving the method relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

6. The method is applicable for sideslip angles less than 40 .

7. Fuselage-mounted instalIations must be located on the fuselage centerline.

8. The method is not applicable to empty multiple racks.

9. The effect of empty pylons on neutral point is considered to be negligible.

The effect due to a pair of symmetrical instalIations can be computed by doubling the effect of one
side.

A. SUBSONIC

DATCOM METHOD

The neutral-point shift in inches, positive for aft shift, due to the transfer of lift from the store
instalIations to the clean aircraft is given by

3.3.1-1



N, ns.
I

CL + L LKSj
j

CL
·WB i=l j=l o-Sij

Ax =
n.p,}

where

i=l j=l

KS.. CL (XS,.J
. - X•. C.)

IJ o:s ..
1)

3.3.1-a

N, is the total number of store installations.

is the store-installation number.

ns. is the number of store stations on installation (including empty stations).
1

j is the store number on installation i.

is the free-stream lift-curve slope of store j on installation given by

375
=

Sw
3.3.I-b

where

Sw is the aircraft wing reference area (ft2 ).

is the store-body lift-curve slope (per deg) obtained from Figure
3.3.1-16 as a function of store-body planform area, Sp (in.2 ).

KNB is a nose-shape parameter given by

KNB = 1.0 for en';;; 22° 3.3.I-c

where

1.0 + 0.65
(en - 22)

68
3.3.I-d

3.3.1-2

en is the store-nose half-cone angle (deg).

IC) is the store-fin lift-curve slope (per deg) given by
, L. SF

3.3.1-e



where

3.3.I-f

3.3.I-g

where bF and ds are the store-fin span and maximum store diameter
(in.), respectively.

is the distance (in.) from the leading edge of the mean aerodynamic chord c, to the
point midway between the mounting lugs of the installed store for store j on
installation i, positive in the aft direction. (See Sketch (a).)

+xs..
IJ

I,,
I

I
I
I
I
I

\ (
,~ f \

( \ I 1\'_J

I I I
I I I 'A I ,

Ul.L1i!

Xa.c.

c

SKETCH (a)

x•.c. is the wing-body aerodynamic-center location of the clean aircraft measured from
the leading edge of the wing mean aerodynamic chord (in.). (See Sketch (a).) This
value should be obtained from test data or estimated by using Section 4.3.2,2.

3.3.1-3



is the wing-body clean-aircraft lift-curve slope (per deg) obtained from test data or
estimated by using Section 4.3 .1.2.

is an empirical factor related to installation type, mounting position, and Mach
number and is specified as follows:

I. Wing-Pylon-Mounted Single Store:

In this case n = I and hence j = I.
S i

3.3.I-h

where Fl(XSNiJ FR) is a parameter based on store longitudinal placement and

fin-area ratio obtained from Figure 3.3.1-17.

where

where

for j = I 3.3.I-i

is the distance from the local wing leading edge to nose of
store j on installation i, positive in the aft direction
(in.). (See Sketch (b).)

z
(STORES I, 2)

-XSN stores 2,4

4

2

SKETCH (b)

XSNstores 1, 3

3

c.
'j

(measured in
platform view
at semispan
location of
store j)

z
(STORES 3, 4)

3.3.1-4

is the local wing chord at the semispan location of store
j on store installation i, (in.). (See Sketch (b).)



FR is given by

3.3.I-j

where

is the store-fin area projected onto a horizontal plane
(in.2 ).

is the store-body planform area (in. 2 ).

3.3.I-k

where

is a store longitudinal-placement factor obtained from Figure
3.3. 1-18a where "SN .. is given by Equation 3.3.I-i.

I)

is a store vertical-placement factor obtained from Figure
3.3.1-1 8b where 'iii is obtained from

3.3.I-Q

where

is the vertical distance from the average wing lower
surface location to the centerline of store j on
installation i, positive in downward direction (in.).
(See Sketch (b).)

is the local wing chord at the semispan location of
store j on store installation i (in.). (See
Sketch (b).)

is a store-fin area-ratio factor obtained from Figure 3.3.1-19a
where FR is given by Equation 3.3.1-j.

2. Wing-Pylon-Mounted TER (For TER installations it is essential that the store
stations be identified in the same manner as indicated in Sketch (c).)

3.3.I-m

3.3.1-5



3.3.I-i.

where

is a store longitudinal-placement parameter for TER carriage
obtained from Figure 3.3.1-l9b where xSN .. is given by Equation

IJ

is the TER Mach and store-station effect parameter obtained from
Figures 3.3.1-20a through -20c as a function of Mach number and
TER store-station number, j, where j refers to the TER station
number defined in Sketch (c).

FRONT VIEW

SKETCH (c)

3. Wing-Pylon-Mounted MER (For MER installations it is essential that the store
stations be identified in the same manner as indicated in Sketch (d).)

Ks . ; F1(XSN .. ) + F2(XSN .. , liP M) + F3 (M,j) 3.3.I-n
IJ IJ IJ

where

is a store longitudinal-placement parameter for MER carriage
obtained from Figure 3.3.1-21 where xSN .. is given by Equation
3.3.I-i. IJ

3.3.1-0

3.3.1-6

where lij is defined by Equation 3.3.1·2, and



F21 ('SN Ij) is a MER store longitudinal-placement factor
obtained from Figures 3.3.1-22aand -22b.

is a MER store vertical-placement factor obtained
from Figures 3.3.1- 23a and -23b.

is a MER Mach-effect factor obtained from Figures
3.3.1-24aand -24b.

F3 (M, j) is the MER Mach and store-station effect parameter obtained from
Figures 3.3.1-25a through -25f as a function of Mach number and
MER store-station number, j, where j refers to the MER
store-station number defined in Sketch (d).

42,6 624

I
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I ~ , I

l1uJl.1l
3 1 5

TOP VIEW

SKETCH (d)

4. Fuselage-Centerline-Mounted Single Carriage

In this case n, j = I and hence j =I

3.3.1-~



K = 0.10
Sij

3.3.I-p

5. Fuselage-Centerline-Tangent-Mounted MER (For fuselage MER installations,
use the right wing numbering scheme of Sketch (d) for numbering the store
station locations.)

= Is [F j (M) + F 2 (M,j)] (j = 1,2,3,4,5,6)
J

where j coincides with the MER station number defined by Sketch (d).

For j = 1,2

1.0

For j = 3, 4, 5,6

3.3.I-q

3.3.I-r

is a neutral-point correlation factor for stores on a MER installation
obtained from Figure 3.3.I-27a as a function of dwing/cr where dwing
is the distance (in.) from the fuselage lower surface at the store
midpoint to the average wing lower surface at the wing root and cr is
the wing root chord (in.).

is a MER Mach-effect factor for fuselage-tangent-mounted installa
tions obtained from Figure 3.3 .1·27b as a function of Mach number.

is a MER Mach and store-station effect parameter for fuselage
tangent-mounted installations obtained from Figures 3.3.1 "28a
through -28d as a function of Mach number and MER station, j.

6. Fuselage-Centerline-Pylon-Mounted MER (For fuselage MER installations, use
the right wing numbering scheme of Sketch (d) for numbering the store station
locations.)

For j = 1,3,5 where j are the MER stations defined in Sketch (d),

3.3.I-s

3.3.1-8

where

is defined for Configuration 5.

is a MER Mach...,ffect factor for fuselage-pylon-mounted installations
obtained from Figure 3.3.1-30a as a function of Mach number and
MER station, j.



For j = 2,

3.3.I-t

where

is obtained from Figure 3.3.1-45b

For j = 4,6

= Is [F1 (M) + F2 (M,j)]
J

3.3.I-u

where

Is. is defined for Configuration 5.
J

F[ (M) is a MER Mach-effect factor for fuselage-pylon-mounted installations
obtained from Figure 3.3.1-30b as a function of Mach number and
MER station, j.

F2 (M, j) is a MER Mach and store-station effect parameter for fuselage-pylon
mounted installations obtained from Figure 3.3.1-31 as a function of
configuration and Mach number.

Sample Problem

Given: A swept-wing subsonic fighter aircraft from Reference 2, symmetrically loaded as follows:

STORE {NO. j 2

INSTALLATION { 2 3 4 5
NO.i

FRONT VIEW

3.3.1-9



Spanwise Rack Store No. of
Station Type Mounting Type Stores

Centerline MEA Pylon 5QO-Ib Bomb 5

Inboard Wing TEA Pylon 500-lb Bomb 2

Outboard Wing Single Pylon 500-lb Bomb 1

Aircraft Data:

c = 129.6 in. Cr 186 in.

d
wing

= 0 "a.c. = 33.05 in. CL = 0.060 per deg
a WB

Wing Semispan Cij
i j Station. Vij lin.) tin.l

1.5 1 113.75 87.8

2,4 2 87.00 111.0

2,4 1 78.80 119.0

Isolated-Store Data:

d
S

= 12.0 in.

bF = 14.7 in.

Store Installation Data:

Installation Store No.• XSNij xSij z.. Vij'I
Number. i j On.) lin.l (in.) tin.)

2,4 1 -21.7 31.7 - 78.8

2,4 2 -30.0 31.7 - 87.0

1,5 1 -23.2 61.2 17.6 113.75

3 3.5 - 71.7 - 0

3 2.4.6 - -22.4 - 0

Additional Data:

3.3.1-10

M = 0.6 a = 80



Compute:

To identify the terms that need to be computed, expand Equation 3.3.I-a for the N, store
installations and n'j stores on each installation. Since the aircraft is symmetrically loaded with
respect to the fuselage centerline, installations I and 5 are identical, as are 2 and 4. Therefore,
it is only necessary to compute the terms (in Equation 3.3.I-a) for installations 1 and 2, and
then double their values. The results are then added to the terms for installation 3. The indices
for the summation process are summarized in the table below:

Actual Store Stations
; "Sj Loaded on Installation i

1 1 j ~ 1

2 3 j ~ 1. 2

3 6 j ~ 2, 3. 4, 5. 6

Note that for i ; 2, station 3 is not loaded and for i ; 3, station I is not loaded. Therefore,
terms for these locations are set equal to zero.

~x numerator (from Equation 3.3.I-a):
n,p'l

n

it
i=l j=l

- x )a.c.

- x )a.c. Ix - x )
~ S36 a.c.

~x denominator (from Equation 3.3.1-.):
n,p'l

n

CL •
WS

+ t t
i=l j'" 1

;

3.3.1-11



For Installation I (Wing-Pylon-Mounted Single Store)

=
-23.2
-- = -0.264
87.8

(Equation 3.3.I-i)

SF 94
FR

= - =- = 0.134 (Equation 3.3.I-j)
Sp 700

z11 17.6
(Equation 3.3. l-Q)zl1 -- = 0.200

ell 87.8

F22 (ZII) = 0 (Figure 3.3.1-18b)

(Figure 3.3.1-19a)

= (1.70)(0)(-0.53) = 0

= -0.035 + 0 = -0.035

(Equation 3.3.I-k)

(Equation 3.3.I-h)

Ic ) - 0.161 x 10- 3 per deg
\ L. S8 -

(Figure 3.3.1-16)

(Equation 3.3.I-e, On < 22°)

3.3.1-12

(cL ) = (0.191)(10- 6 ) (Be
2 )

• SF

(Equation 3.3.I-g, bF > ds )

(Equation 3.3.I-e)



1.392 x 10- 6 per deg

(Equation 3.3.I-b)

375
~ 260 [(0.161 x 10- 3)(1) + 1.392 x 10- 6 ]

~ 0.000233 per deg

Noting that all stores are identical in this problem,

CL ~ 0.000233 per deg for all i,j.
·5.

'J

For Installation 2 (Wing-Pylon-Mounted TER)

x ~

SN 21

X
SN 21 -21.7

~ ~ -0.182
e2l 119.0

(Equation 3.3.I-i)

Fl(XSN22) ~ 0.710(shouldersta.,j~2)

F1 (xSN2J ~ 0.280 (eenterline sta.,j ~ I)

x ~

SN 22

X
SN 22 -30.0

---
e22 111.0

-0.270

} (Figure 3.3.1-19b)

F2 (M,j) ~ 0 for j ~ I

F2 (M,j) ~ 0 fori ~ 2

K ~ 0.280 + 0 ~ 0.280
S21

K ~ 0.710+ 0 = 0.710
s22

(Figure 3.3.1-20a)

(Figure 3.3.1-20b)

(Equation 3.3.I-m)

For Installation 3 (Fuseiage-Centerline-Pylon-Mounted MER)

There are five stores on this installation, therefore determine Ks ..
'J

Ks where i = 2, 3, 4, 5, 6
3j

3.3.1-13



For j = 2

F1 (M) = 0.45

K = 0.45
S32

For j = 3, 5

dwing 0
--=-=0

cr 186

Is = 0 for j = 3, 5
J

F j (M) = 0.042

(Figure 3.3.1"30b)

(Equation 3.3.1-t)

(Figure 3.3.1-27a)

(Figure 3.3.1-3,Qa)

(Equation 3.3.I-s)

For j = 4, 6

= 0 for j = 4,6

F1 (M) = 0.45 for j = 4, 6

F2(M,j) = 0 for j = 4, 6

(Figure 3.3.1-27a)

(Figure 3.3.1-.30b)

(Figure 3.3.1"31)

= Is [F j (M)+F2 (M,j)]
J

(Equation 3.3.I-u)

3.3.1-14

Substituting into the ..:lxn,p '
j

numerator:

n

t t K
S'J

eLa (XSjj - x•.c.)

i=l j=l Sij

= 2 [( -0.035)(0.000233)(61.2 - 33.05)

+ (0.280)(0.000233)(31.7 - 33.05)

+ (0.710)(0.000233)(31.7 - 33.05)]



+ (0.45)(0.000233)( -22.4 - 33.05)

~ -0.006896

Substituting into the .::lX denominator:n.p,}

n

C
LnWB

+ f t
i=l j=l

Solution:

~ 0.060 + 2 [( -0.035)(0.000233) + (0.28)(0.000233)

+ (0.710)(0.000233) I + (0.45)(0.000233)

~ 0.06055

Numerator

Denominator
~

-0.006896

0.06055
= -O.114in.

The calculated values of .::lX are summed with .::lX and.::lx (computed in Sections
n,p'l n,p'2 n,p'3

3.3.2 and 3.3.3, respectively) in the Sample Problem of Section 3.3.4 to obtain the total shift in
neutral point.

B. TRANSONIC

The method presented in Paragraph A oJ this section is also valid in the transonic speed range. The
expected accuracy of the method is less than that in the subsonic speed range.

C. SUPERSONIC

The method presented in Paragraph A of this section is also valid in the supersonic speed range up
to a Mach number of 1.6 to 2.0 as indicated in Table 3.3-A. The maximum Mach number provided
in the ligures should indicate the level to which the method is substantiated. Caution should be used
when extrapolating the data beyond the Mach range provided in the figures.

REFERENCES

1. Gallagher, R. D.• Jimenez, G.• Light, L. E .. and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage, AFFDL-TR·75-95, Volumes I and II, 1975. (U)

2. Watzke, R. E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer. McDonnell Douglas Corporation Rept.
DAC-67425. 196B. lUI
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AprilllJ7B

,u,~ NEUTIL\L-I'OINT SHIFT DUE TO INTERFERENCE EFFECTS ON WING FLOW FIELD

A Ilh..'llllhl l' prl'''l'Jllt'd III tlll:-- Sl't:tioll for L'stlillatlllg the neutral-point shift due to interferen-.;l'
efkd" 011 tilt' wing !low field frolll exkrnal-stort' installations. nIl' method predicts a neutral-point
sillft due tn :til lllslalbt Ions t armament stations) on the aircraft.

Tilt' Iht...:ulll \lethod IS taken from Rekrence I and IS empirical III nature. Thl' method is applicable
to ~lirl.Taft of l:ollvt'ntIonal design and essL'ntially symmdrical store shapes with no major shape
protLlher~lllL·L'S. TIll' Ilfllitations on l'onfigur:ltlUn allLl Mach-number range arc summarized In

T:ihlt.' 3.3-A, Additional limitations and assumptions pertaining to the method an~ listed below

I. nIt' Illdhod is not applicJbk to wing-tip or wing-tangent-mounted stores.

The llll.'lhod has heen verified for thl' Mach-number range given in Tahle 3.3-A. Caution
shuuld he used ill l~xtrapolating the empirical l·urves beyond the given Mach-number
range.

3. Tilt' ll1L'thoJ !lJS not been verified for configurations in which Oaps, slats or other
Jlow-disruptlng lkvicl's are deployed.

4. The method gives the best results for angle-of-attack range from 0 to 8°, although the
method call be used for higher angles of attack .

.:;; TilL' dJtJ base used in deriving the method relied heavily on swept-wing tactical

combat-aircraft wind-tunnel uata.

b, The method is applicable for sideslip angles less than 4°.

7. Fuselage-mounted installations must he located on the fuselage centerline.

~, The method is not applicable to empty multiple racks,

y, The effect of empty pylons on neutral point is considered to be negligible.

The effect due to a pair of symmetrical installations can be computed by doubling the effect of one
side.

A. SUBSONIC

DATCOM METHOD

The neutral-point shift in inches, positive for aft shift, due to wing flow-field interference effects IS

given by

3.3.2-a

3.3.2-1



where

is the wing reference area (ft2 ).

is the total number of store installations on the aircraft.

is the number of store stations on installation i (including empty stations).

is the free-stream lift-curve slope of store j on installatIOn i (per deg) given by
Equation 3.3.I-b.

is a parameter related to configuration:

I. For Wing-Pylon Single Carriage:

3.3.2-b

For Wing-Pylon MER and TER Carriage, and Centerline Single Carriage:

3.3.2-c

3. For Fuselage.(:enterline MER Carriage:

3.3.2-<1

tix'
n·p'2

is a neutral-point basic-interference-effect term obtained from Figures 3.3.2-6a
through -6d as a function of configuration and Mach number.

is a span-location-correction factor obtained from Figures 3.3.2- 8a through - 8c as

Yj
a function of configuration and --, where Yi is the wing semispan location of

bw/2

installation i and bw is the wing span.

Note: For fuselage-mounted installations, K] = I.

K2 is a longitudinal-correction factor obtained from Figure 3.3.2- 93 through - 9d. as a
function of XMLj Ici' where XMLj is the distance (in.) from the local wing leading
edge to the point midway between the pylon mounting lugs on installation i
(positive for the pylon mid-lug point aft of the local wing leading edge), and ci is the
local wing chord (in.) at the semispan location of store installation i. (See Sketch
(a).)

3.3.2-2



f-ooo------- c•---

SKETCH (a)

~I

I

IS a Mach-number-correction l'lctor obtained from Figures 3.3.2-11 a through -lId as
a functIon of configuration and Mach number.

Sample Problem

Given: A swept-wing subsonic-fighter aircraft from Reference 2 described in the Sample Problem of
Paragraph A of Section 3.3.1.

Additional Data:

CL = 0.000233 per deg (Sample Problem, Paragraph A, Section 3.3.1)
o

Sij

M = 0.6

bw /2 = 165 in.

Installation No., i 1.5 2,4 3

XML/C i
0.204 0.180 0.445

Yi
113.75 78.8 0

Compute:

260

5
= 52.0 (first term of Equation 3.3.2-a)

(second term of Equation 3.3.2-a)

Since all stores are identical and there are a total of \1 stores,
ntt

i= 1 j= 1

= (II )(0.000233)
0.00256 per deg

3.3.2-3



Since the wing installations I and 2 are symmetrical, only one side is calculated and the result
multiplied by 2.

8s = 20 (Equation 3.3.2-b)
1

85 = 10 (Equation 3.3.2-c)
1

85 = 17.4 (Equation 3.3.2-<1)
J

For Installation I (Wing-Pylon-Mounted Single Store)

.:l.x' = -0.03
n,p'2

yJ(bw/2)= 0.689

Kj = 0

K2 = 0

KJ = -0.39

(Figure 3.3.2-6a)

(Figure 3.3.2-8a)

(Figure 3.3.2- 9a)

(Figure 3.3.2-11'1)

For Installation 2 (Wing-Pylon-Mounted TER)

.:l.x' = -0.Q2
n·p'2

yJ(bw/2) = 0.478

K1 = 0

K2 0.37

KJ = -0.25

(Figure 3.3.2-6b)

(Figure 3.3.2- 8b)

(Figure 3.3.2- 9b)

(Figure 3.3.2-11b)

3.3.2-4

For Installation 3 (Fuselage-Centerline-Pylon-Mounted MER)

.:l.x' = 0.125 (Figure 3.3.2-6d)
n,p'2

K1 = 1.0 (Fuselage-mounted installation)

K2 1.0 (Figure 3.3.2- 9d)

KJ = 0 (Figure 3.3.2-11d)



-b
S

• (~X'n,p'2 + K1 K2 K3 )t=1

~ (2)(20) [-0.03 + (0)(0)( -0.39»)

(thIrd term of
Equation 3.3.2-a)

+ (2)(10)[-0.02 + (0)(0.37)(0.25»)

+ (17.4)[0.125 + (1.0)(1.0)(0)1

0.575

Solution:

~ (52.0)(0.00256)(0.575) ~ 0.077 in.

The calculated value of ~xn.p'2 IS summed with ~xn.p.l and ~xn.p.3 (computed In Sections 3.3.1
and 3.3.3,respectively) in the Sample Problem of Section 3.3.4 to obtain the total shift in neutral
pain t.

B. TRANSONIC

The method presented in Paragraph A of this section is also valid in the transomc speed range. The
expected accuracy of the method is less than that in the subsonic speed range.

C. SUPERSONIC

The method presented in Paragraph A of this section is also valid in the supersonic speed range up
to a Mach number of 1.6 to 2.0 as indicated in Table 3.3-A. The maximum Mach number provided
in the figures should indicate the level to which the method is substantiated. Caution should be used
when extrapolating the data beyond the Mach-number range provided in the figures.

REFERENCES
1. Gallagher, R. D., Jimenez, G., Light, L. E.. and Thames F. C.: TechniQue for Predicting Aircraft Aerodynamic Effects Due to

External Stores Carriage. AFFDL-TA-75-95, Volumes I and 11,1975. (U)

2. Watzke, A. E.: Aerodynamic Data for Model TA4F Operational Flight Trainer. McDonnell Douglas Corporation Rept.
DAC-67425, 1968. (Ul
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33.3 .... EUTRAl-POINT SHIFf DUE TO CHANGE IN TAIL EFFECTIVENESS

A Illl'lhod h prt''>l'llkd III this sedlon lUI t:'itlllldtmg tlw neutral-pol1lt shIft due to the l'han~l' In
1l0fllOIlLlI-lliI L'!ICl tlveness ~aused l""l'y wlllg-mollnteu external-store Installations. I he metho~j

predld,> ,I i"'lltrdJ-(h)jnt 'ihlft due to all lllstallatlOIls (armament stations) on the aircraft

I ttl> i)cl(LlHll ML'thod IS taken from Reference I and 1S empincallll nature. The method IS appllLdbll'
to dlfl.r.ttt uf ,,-ullventlOnal design and essentially symmetrical store shapes with no major shape
protuht'ran"':t''> file limitations on configuratIOn Jnd MJch-number range arc summaflzed III

Table 3.3-A. Ihe user IS cautioned that the neutral-pomt shift predicted by this method should be
consldcn:d ,is only J first approximJtion bccause of the limited data base used in deriving the
ml'thod. Sinct' the method was developed from F-4 and A~7 aircraft wind-tunnel data, special cart'
should be takell whell applying the method to aircraft with horizontal-tail spans and vertical
localions substantially different from these aircraft. Additional limitations pertaining to the method
are listed below

I. fhe mt'thod has been verified for the Mach-number range indicated III the figures
associated with the method. Caution should be used in extrapolating the empirical L:urve\
beyond the given Mach-number range.

1 The method has not been verified for configurations in which flaps, slats. or other
flow-disrupting devict's arl' deployed.

3. The method is apphcable for sideslip angles less than 4°.

The effect due to a pair of symmetrieal installations can be computed by doubling the effect of one
side.

A. SUBSONIC

DATCOM METHOD

The neutral-point shift in inches, positive for aft shift, due to the change in tail effectiveness from
store installations is given by

where

NI

Nt

Llxn,p'3 = L: (Llx'n·p·3). Ky,KZ,

i"" 1 I

is the total number of store installations on the aircraft.

1 l 1-a

is the neutral-point horizontal-tail term obtained from Figures 3.3.3-5a and -5b as a
function of configuration and Mach number. For fuselage mounted store installa-
tions .6.x' :::: O.

n·p·3
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\-------Ihr-.-_--,..---1WING

HORIZONTAL TAIL

bH /2

HORIZONTAL-TAIL

MID-LINE PLANE

J\,j

K
'j

SKETCH (a)

is the horizontal-tail span-location factor obtained from Figure 3.3.3-6a as a function
Yj

of-/- where
bH 2

Yj is the spanwise distance from the fuselage centerline to the location of
installation i (illustrated in Sketch (a)).

~ is the horizontal-tail span (illustrated in Sketch (a».

is the horizontal-tail vertical-location factor obtained from Figure 3.3.3-6b as
zT.

a function of--' where
bH /2

'T is the vertical distance from the wing lower surface at installation i to the
i horizontal-tail mid-line plane (illustrated in Sketch (a)).

Sample Problem

Given: A swept-wing subsonic-fighter aircraft from Reference 2 described in the Sample Problem of
Paragraph A of Section 3.3.1. (See Pages 3.3.1-9 and 3.3.1-10 for identification of store
installations.)

Additional Data:

Yl = Ys = 113.75 in.. Y2 = Y4 = 78.8 in. bH /2 = 68 in. M = 0.6

3.3.3-2

'T = 'T = -59.8 in.
1 S

::;: -59.8 in.



Expand Equation 3.3.3-a to Identify the terms that need to he computed. recallmg that the
wmg mstallations are symmetrIcally loaded. Installation 3 is a fuselage mounted Iilstallation
and the contribution of that installation IS zero.

(tix' ) = 0.48
n,p'3 ,

(Figure 3.3.3-5a. single carriage)

(tix' )
n,p'3 2

0.80 (Figure 3.3.3-5b, multiple carriage)

y, 113.75
--- 1.67

bH /~ 68

lor, -59.8
-0.88

bH /2 68

78.8---
68

1.16

0.57 (Figure 3.3.3-6a)

Referring to Figure 3.3.1-6a it is seen that y; /(bH/2) is beyond the range of the deSIgn chart.
This suggests that if the store installation is far enough outboard of the tip of the horizontal
tail. the increment in neutral-point shift due to that particular installation is negligible. There
fore, for this configuration it is assumed that Ky = O.

1

Referring to Figure 3.3.3-6b it is seen that ZT J(bH /2) for both Installations I and 2 are well
beyond the range of the design chart. It seems reasonable to assume that the value of KZj will
asymptotically approach zero as the vertical distance between the store installatIOn and the
horizontal tail is increased. Therefore, for this configuration it is assumed that
Kz , = KZ2 = O.

Solution:

(Equation 3.3.3-a)
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= 2(0.48)(0)(0) + 2(0.80)(0.57)(0)

= 0

The calculated value of t.xn.p . 3 is summed with t.xn.p .! and t.xn.p . 2 (computed in Sections 3.3.1
and 3.3.2 respectively) in the Sample Problem of Section 3.3.4 to obtain the total shift in neutral
point.

B. TRANSONIC

The method presented in Paragraph A of this section is also valid in the transonic speed range.

C. SUPERSONIC

The method presented in Paragraph A of this section is also valid in the supersonic speed range up
to a Mach number of 1.6 to 2.0 as indicated in Table 3.3-A. The maximum Mach number provided
in the figures should indicate the level to which the method is substantiated. Caution should be used
when extrapolating the data beyond the Mach-number range provided in the figures.

REFERENCES
1. Gallagher, R. 0 .. Jimenez. G., Light. L. E., and Thames F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to

External Stores Carriage. AFFDL·TR-75·95. Volumes I and 11.1975. lUI

2. Watzke. R. E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer, McDonnell Douglas Corporation Rept.
DAC-67425. 1968. lUI
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3.3.4 TOTAL NEUTRAL-POINT SHIFT DUE TO EXTERNAL STORES

A mdhod I.... pn.'sL'nted 111 this section for estImating the total shift in aircraft neutral P01l1t dul' to
external-store installations. The method predicts the neutral-puint shift for symmdflc asymml'tflc
and Illultipk-installation loading configurations

The Datcom r.,.'lcthod is taken from Reference I and is empirical in nature. The method IS applicable
to aircraft of conventional design and essentiJlly ~ymmL'trical store shapes with no lllaJor ...hape
protuberances. The limitations on configuration and Mach-number range are summaflzed In

Tabk 3.3-A. Additionallimitatiolls and assumptions pertaining to the method are listed below

I. The method is not applicable to wing-tip or wing-tangent-mounted stores.

2. Fuselage-mounted installations must be located on the fuselage centerline.

3. The method is not applicable to empty multiple racks.

4. The effect of empty pylons on neutral point is considered to be negligible.

5. The method has been verified for the Mach-number range given in Table 3.3-A CautIOn
should be used in extrapolating the empirical curves beyond the given Mach-number
ra nge.

6. The method has not been verified for configurations in which flaps, slats. or other
flow-disrupting devices arc deployed.

7. The method gives the best results for an angle-of-attack range from 0 to 80 . although the
method can be used for higher angles of attack.

8. The data base used in deriving the method relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

9. The method is applicable for sideslip angles less than 4°

The procedure for computing the lotal neutral-point shift requires calculation of increments due to
lift transfer from stores to aircraft, interference effects on the wing flow field, and change in tail
effectiveness. These increments are computed by the methods of Sections 3.3.1, 3.3.2, and 3.3.3,
respectively. The increments are computed for the entire loading configuration and then summed
by the method of this section to obtain the total increment.

A. SUBSONIC

DATCOM METHOD

The total neutral-point shift in inches, positive for aft shift, due to external-store installations is
given by

t:.x = t:.x + t:.x + t:.x
n.p. n.pol n·p ·2 n.p'3

3.3.4-a
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where

t:.xn,p '
2

is the shift in neutral point due to lift transfer from the stores to the clean aircraft
(in.), obtained from Section 3.3.1.

is the shift in neutral point due to the interference effects on the wing flow field
(in.), obtained from Section 3.3.2.

is the shift in neutral point due to the change in tail effectiveness caused by external
stores (in.), obtained from Section 3.3.3.

Reference I states that the prediction accuracies are such that the predicted values of neutral-point
shift are nominally within about I inch of the test values 60 percent of the time, and within 4
inches 92 percent of the time.

Sample Problem

Given: A swept-wing subsonic-fighter aircraft from Reference 2 loaded with external-store instal
lations described in the Sample Problem of Paragraph A of Section 3.3.1.

Compute:

-0.114 in. (Sample Problem, Paragraph A, Section 3.3.1)

t:.x = 0.077 in.
n·p·2

t:.x = 0
n·p'3

(Sample Problem, Paragraph A, Section 3.3.2)

(Sample Problem, Paragraph A, Section 3.3.3)

(Equation 3.3.4-a)

= -0.114 + 0.077 + 0 = -0.037 in.

B. TRANSONIC

The method presented in Paragraph A of this section is also valid in the transonic speed range. The
expected accuracy of the method is less than that in the subsonic speed range.

C. SUPERSONIC

The method presented in Paragraph A of this section is also valid in the supersonic speed range. The
expected accuracy of the method is less than that in the subsonic speed range.

REFERENCES

1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage. AFFDL·TR·75·95, Volumes I and II, 1975. lUI

2. Watzka, R. E.: Aerodynamic Data for Model TA4F Operational Flight Trainer. McDonnell Douglas Corporation Rept.
DAC-67425, 1968. (U)
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3.4 EFFECTS OF EXTERNAL STORES ON AIRCRAFT SIDE FORCE

A mdhod i~ prl'SL'lllL'd 111 this section tor l'stlInatJl1g thL' II1Crl'!l1l'llt III am.:r<.lft "Ilit' lorcL' dul' to
extL'rllJI-store illstJlbtiollS rill' mdhod prl'dicts an IIlLTL'nwntal change III tht' \ldL'-force
dUl'-lo-SIJl'slip Jl'r1vallvl'. ~Cy . which can be added to thL' dean illrLTaft l" to obta1l1 the
JlrlTJtt-wltll-~t{)rl'sCy J3 J

J

rill' DatL'oll1 \tL'thoJ IS taken from Rl'ft'rl'IlCl' I ;lnd is empirical III nature I Ill· mdhod is IimltL'u to
till' storl'-ln;lJIIl)! confIguratlolls and Madl-J1Ullllwf rangl' prl'sl'ntl'd 111 Tahk 34-A

TABLE 3,4·A

LOADING AND MACH-NUMBER LIMITATIONS

Mach·
Mounting Carriage Number
Location Mode Mount/Loading Type Range

Pylon - Empty
Single 0.6 .... 2.0

Pylon - Store

Pylon - Empty MEA
Wing

Pylon - Fully Loaded MEA
Multiple 0.6 -> 1.6

Pylon - Empty TEA

Pylon -- Fully Loaded TEA

Tangent

Pylon - Empty
Single 0.6 .... 2.0

Pylon - Store

Tangent - Empty MEA

Tangent - Fully Loaded MEA
Fuselage

Tangent - Empty TER
Multiple 0.6 ~ 1.6

Tangent - Fully Loaded TEA

Pylon - Empty MER

Pylon - Fully Loaded MEA

Pylon - Empty TER

Pylon - Fully Loaded TER

The Datcom Method is applicable to mixed-loading configurations obtained by combining two or
more loadings specified in Table 3.4-A. The method was developed from symmetrically-Ioaded
stores data and is therefore limited primarily to symmetrically-loaded configuratIOns. However,
certain asymmetric configurations may be treated by the method. It should be noted that one-half
of the incremental side force due to a symmetrical-store loading is not necessanly eqUIvalent to the
side force produced by half of that loading carried asymmetrIcally Where there are aircraft
components near the stores, or if strong lateral flow fields exist due to angle at attack. part of the
aerodynamic side force induced by an installation on one side of the aircraft is cancelled by an
opposite force on the other side. The Datcom Method is considered applicable to asymmetric
configurations for which the sidewash change due to angle of attack IS zero and fuselage effects are
negligible

3.4-1



-11,e prediction method was developed from data based on an angle of attack of 5° No method IS
provided to account for the effect of angle-of-attack change on side force. but the method IS
considered to be valid throughout the normal cruise angle-of-attack range

The method is subject to the following additional limitations and assumptions:

I. The method has been verified for the Mach-number ranges given in Table 3.4-A. Caution
should be used in extrapolating the empirical curves beyond the gIven Mach-number
ranges.

2. The method has not been verified for configurations in which flaps, slats, or other
now-disrupting devices are deployed.

3. The store shape is essentially symmetrical with no major shape protuberances.

4. The data base used in deriving the method relied heavily on swept-wing tactical-combat
aircraft wind-tunnel data.

5. No tail effects are included.

6. The method is applicable for sideslip angles less than gO

The side-foree-derivative increment is composed of a basic contribution due to the store installa
tions and a contribution due to interference between adjacent installations (when separation
distance is sufficiently small).

A. SUBSONIC

DATCOM METHOD

The increment in Cy , based on wing reference area, due to external-store installations is given by
~

3.4-a

where

Sw is the wing reference area (ft2)_

JIll is the total number of store installations.

Np is the total number of pairs of adjacent-store installations carried.
(See Sketch (a)_)

YB is the basic side-force contribution (ft2 /deg) per degree sideslip due to a symmetrical pair
~ of external-store installations, calculated in Step 1 below_ Since the empirical equations

and figures for YB are based on a pair of symmetrical-store installations, YB must be

divided by 2 befor: summing over the total number of installations, thus allowfng for the
inclusion of asymmetrical loading cases.
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SKETCH (a)

is the side-force contribution (ftz /deg) per degree sideslip due to interference effects from
a pair of adjacent external-store installations, calculated in Step 2 below.

D.C y is computed'by using the following steps:
~

1. Compute YB for each installation.
~

2. Compute Y
A

for each pair of adjacent installations.
~

3. Compute D.Cy .
~

Step I. Compute YB for each installation:
~

The various loading configurations are assigned reference numbers in Table 3.4-B.

TABLE 3.4-8

CONFIGURATION SUMMARY

~
Empty Full Empty Full

Mounting Empty Single MEA MEA TEA TEA

Wing-Pylon 1 2 3 • 5 6

Fuselage- - 7 B 9 10 11
Tangent

Fuselage- 12 13 ,. 15 16 17
Pylon

34-b

where
Bp is the pylon contribution given by

B =p 3.4-c

3.4-3



where

Kpc is a pylon constant obtained from Table 3.4-C.

TABLE 3.4·C

PYLON CONSTANT

Configuration 1 2 3 • 5 6 7-11 12 13 I. 15 16 17

KpC .10 .15 .1' .1' .12 .12 0 .10 .15 .1' .1' .12 .12

h
p

is the average pylon height (in.). (See Sketch (b).)

SKETCH (b)

BR is the rack contribution.

For Configurations 2, 7, and 13 the store contribution is included and

B ;
R

bF 2 (0.09) d~
K --+---

F 144 144
3.4-d

3.4-4

where
K

F
is a fin constan t given by

K
F

; 0.082 for + and X fins

K
F

0.107 for V fins

b
F

is the store-fin span (in.). (Total span measured tip-to-tip. For V fins, the total
span of the actual fin and its mirror image.)

ds is the store maximum diameter (in.).

For other configurations, BR is given by Table 3.4-D.

TABLE 3.4-0

RACK CONTRIBUTION

Configuration 1 3 • 5 6 8 9 10 11 12 I. 15 16 17

BR 0 .325 .325 .183 .183 .325 .325 .183 .183 0 .325 .325 .183 .183



B\ I~ tilt' ,,{nrl' tontrihution

For Conf,gural,o", 1.3. 5. 8, 10, Ie, 14, and 16 BN ~ O.

For s1I1git'-S{Orl' Installations (Configurations ::.. 7. Jnd 13), BN is included 111 thl.' BR
computatIOn.

For Configurations 4. 6, 9, II, 15, 17

3.4-e

where
bc

is the maximulll vertical span (in.) of the side projection of the store cluster In
a vertical plane, excluding protruding fins. (See Sketch (b).)

IS a correlation factor given by Figure 3.4-12 for Configurations 4, 9, and 15
R[) ~ a for Configurations 6, 11, and 17. All other terms in Equation 3.4-e
have been previously defined.

Bx is the contribution due to pylon longitudinal location.

For fuselage-mounted configurations (Configurations 7-17) Bx = O.

For wing-pylon-mounted configurations (Configurations 1-6), Bx is given by

I ) 3.4-f

where Bp , B
R

' B
N

were previously defined and

Kxp = (I + A 2 ) (AI) (Kxp has a maXimum)
value of 1.0

where

3.4-g

A2 is a store-size correlation factor obtained from Figure 3.4-13 as a function of
the maximum store diameter, ds ' For Configurations I, 3, and 5, the value of
A2 is zero.

Al is a longitudinal-location correlation factor obtained from Figure 3.4-14 as a
function of xAFT/c where

~FT is the longitudinal distance (in.) from the local wing trailing edge to
the trailing edge of pylon, rack, or store as appropriate (i.e., the most
aft component), positive in the aft direction. (See Sketch (c).)

c is the local wing chord at the store installation (in.). (See Sketch (c).)

3.4-5



,
c

c

MULTIPLE STORES

SKETCH (c)

SINGLE STORE

By is the contribution due to span wise location of the pylon installation.

For fuselage-mounted configurations (Configurations 7-17),

B = 0y

For wing-pylon-mounted configurations (Configurations 1-6) on low-wing aircraft,

For wing-pylon-mounted configurations on high-wing aircraft,

By = Ky (b~:2 - 0350)

where

3.4-h

3.4-i

3.4-J

y;

,
Yi

is a store-installation-depth factor obtained from Figure 3.4-15 as a function of
Z, the maximum depth (in.) of the store installation.

is the spanwise distance from the fuselage centerline to the location of installa
tion i (illustrated in Sketch (d)).

is the wing span.

is the span wise distance from the outboard edge of the fuselage to the location
of installation i (illustrated in Sketch (d)).

is the exposed wing span (illustrated in Sketch (d)).

3.4-6

is a side-force Mach-effect factor obtained from Figure 3.4-16 as a function of Mach,
y.

number and _1- where b = bw for low-wing aircraft, b = be for high-wing aircraft, and y;,b/2
bw ' and be were previously defined.



b,

2

2

SKETCH (d)

Step 2. Compute Y
A

for each pair of adjacent installations.
~

Determine the number of pairs of adjacent installations (see Sketch (a)).

Compute YA for each adjacent pair:
~

3.4-k

is obtained from Equation 3.4-b for the first of the pair of installations.

is obtained from Equation 3.4-b for the second of the pair of installahons.

is an adjacent-store interference factor obtained from Figure 3.4-17 as a funchon of
(XF + XA )/(Qj + Q2) and Mach number where

XF is the absolute longitudinal distance from the nose of one store installahon to
the nose of the adjacent installation. (See Sketch (e).)

3.4-7



XA is the absolute longitudinal distance from the trailing edge of one store
installation to the trailing edge of the adjacent installation. (See Sketch (e).)

£1 and £2 are the lengths of the two store installations. (See Sketch e).)

For no adjacent store installations,

3.4-£

X
F

£1 ~
A ~ ~ A
: jY , ',-II "

£2 I "
, ,

I I' I
I I, I

I , I' (l1J \ I, I alliL/)
} , XA /' 1\( , I )
l~ ~

SKETCH (e)

Step 3. Compute L1Cy
~

is computed from Equation 3.4-a by summing the YB values obtained in Step 1 for

each installation and the YA values obtained from ~tep 2 for each pair of adjacent
~

installations.

Reference 1 states that the method nominally results in prediction errors of 10 to 15 percent. A
comparison of test data with results calculated by this method is provided in Table 3.4E. Additional
comparisons of test and calculated results are found in Reference I.

Sample Problem

Given; A swept-wing subsonic-fighter aircraft from Reference 2 with one 300-gal tank, pylon
mounted on each wing.

3.4-8



Alrl.."raft Data·

Low·wing configuration

Store D:tta:

Inst:tllatlon Data.

+ type fills

11.~ in.

Additional Data

M = o.()

ComputL'·

Y,
0.320

XAFT

c
1"37 3111

Step I. ('ompuk Y B for each installatioll. (Sincl' the installations are symmetrical. only onl' 'iidl'
~

need be compull'd). This is Configuration 2 (Table 3.4-B)

144

(Table 3A-C)

(O.15)(lld

144
= 0.1307 (Equation 3 A-e)

K
F

0.082 (+ type fins)

b 2 Z
F (o.09)ds

= K -+
r- 144 144

(Equation 3A-d)

(0.082)(35.06)2 (0.09)(26.5 )2

144 + 144

= 11389

BN is included in the B
R

computation (Configuration 2)

0365

0.77

(Figure 3 A-13)

(Figure 3 A-14, single store)

Kxp = (I + A z)(A, ) (maximum value of LO) (Equation 3A-g)

3.4-9



= (I + 0.365)(0.77) = 1.05; use Kxp = 1.0

(Equation 3.4-f)

(0.1307 + 1.1389 + 0)(1.0 - I)

= 0

K y = 1.95 (Figure 3.4-15)

(Equation 3.4-i)

= '1.95 (0.320 - 0.350) = -0.0585

(Figure 3.4-16)

(Equa tion 3.4-b)

= -(0.137 + 1.1389 + 0 - 0 - 0.0585)(1.0)

=-1.211

Step 2. Compute Y A for each pair of adjacent installations. In this case there are no adjacent
~

installations, and YA = O.
~

Step 3. Compute acy :
~

acy~ = ~ [t ~(YB~)i +t (YA~)J

= ~w [t ~(YB~)i +0]

= _1_ r~(-1.211)+~(-I.211)]
260 [2 . 2

= -0.0047 per deg

(Equation 3.4-a)

Values of aCy ~ at other Mach numbers have been calculated and are shown in comparison to test
data from Reference 2 in Sketch (c).
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B. TRANSONIC

-0.008
0.6 0.7 0.8 0.9

MACH NUMBER, M

SKETCH (c)

.0

The method presented in Paragraph A of this section is also valid in the transonic speed range. The
user is cautioned that the expected accuracy of the method is less than that expected in the
subsonic speed range. A comparison of test data with results calculated by this method at transomc
speed is presented in Table 3.4-E.

C. SUPERSONIC

The me thod presented in Paragraph A of this section is also valid in the supersonic speed range up
to a Mach number of 1.6 to 2.0 as indicated in Table 3.4-A. The maximum Mach number provided
in the figures should indicate the level to which the method is substantiated by Reference I.
Caution should be used when extrapolating the data beyond the Mach-number range provided in the
figures. A comparison of test data with results calculated by this method at supersonic speeds is
presented in Table 3.4-E.

REFERENCES

1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage. AFFDL-TR-75-95. Volumes I and 11, 1975. (U)

2. Watzke, R. E.: Aerodynamic Data for Model TA4F Operational Flight Trainer. McDonnell Douglas Corporation Rept.
DAC-67425, 1968. (U)

3. Bonine, W. J., et al: Model F/RF-4B-C Aerodynamic Derivatives. McDonnell Douglas Corporation Rept. 9842, 1964 (Rev
19711. lUI
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TABLE 3.4-E

SUBSONIC AND SUPERSONIC EXTERNAL-5TORE SIDE FORCE
DATA SUMMARY AND SUBSTANTIATION

ACy.a ACYfJ "'Cy~

" calc test calc-test
Ref Loading Description fdeg) M (per deg) (per deg) (per degl

2 Wing Station Mounting

!
Left Inboard Pylon-Mounted Single: 300-gal tank 5 0.6 ~0.0047 ~0.0040 -0.0007
Right Inboard Pylon-Mounted Single: 3001:lal tank I 0.8 -0.0044 -0.0046 0.0002

0.9 ~0.0046 -0.0050 0.0004
0.95 -0.0048 -0.0051 0.0003

3 Wing Station Mounting 5 0.6 -0.0035 -0.0015 -0.0020

1

Left Inboard Pylon-Mounted Single: Missile

!
0.9 -0.0039 -0.0020 -0.0019

Right Inboard Pvlon-Mounted Single: Missile 1.2 ~0.0042 -0.0028 -0.0014
1.6 -0.0043 -0.0020 -0.0023
2.0 -0.0022 -0.0020 -0.0002
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3.5 EFFECT OF EXTERNAL STORES ON AIRCRAFT YAWING MOMENT

A method IS presented In this section for estimatIng the increment in aircraft yawing moment due
to ex temal-store installations. For symmetncally-Ioaded configurations. the increment is primarily
due to Sideslip. The Incremental yawing moment due to asymmetrical loading is composed of a
moment due to Sideslip and a moment due to drag differential. The moment due to drag differential
can be estimated by multiplying the incremental drag coefficient due to the store installatIOn
(which may be computed from Section 3.2) by the moment arm from the e.g. to the spanwlse
location of the installation. The method presented in this section predicts an incremental change in
the yawing-moment-due-to-sideslip derivative, <lCn ' which can be added to the clean aircraft Cn
to obtain the aircraft-with-stores C . ~ ~

n~

The Datcom Method IS taken from Reference I and is empirical in nature. The method requires that
the incremental side-force data be provided by the user or computed by the method of Section 3.4.
The method is limited to the store-loading configurations and Mach-number ranges presented in
Tabl~ 3.5-A.

The Datcom Method is applicable to mixed loading configurations obtained by combining two or
more loadings specified in Table 3.5-A. The method was developed from symmetrically
loaded-stores data and is therefore limited primarily to symmetrically-loaded configurations.
However, certain asymmetric configurations can be treated by the method.

The prediction method was developed from data based on an angle of attack of 5° No method is
provided to account for the effect of angle-of-attack change on yawing moment, but the method is
considered to be valid throughout the normal cruise angle-of-attack range.

TABLE 3.5-A

LOADING AND MACH-NUMBER LIMITATIONS

Mach-
Mounting Carriage Number
Location Mode Mou ntl Loadi ng Range

Pylon - Empty
Single 0.6 -+ 2.0

Pylon - Store
Wing

Pylon - Fully-Loaded MER
Multiple 0.6 -+ 1.6.

Pylon - Fully-Loaded TER

Tangent
Single 0_6 -+ 2.0

Pylon - Store
Fuselage

Multiple Pylon - Fully-Loaded MER 0.6 -+ 1.6

The method is subject to the following additional general limitations and assumptions:

I. The method has been verified for the Mach-number ranges given in Table 3.5-A. Caution
should be used in extrapolating the empirical curves beyond the given Mach-number
ranges.
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3.

4.

5.

6.

The method has not been verified for configurations in which flaps, slats, or other
now-disrupting devices are deployed.

The store shape is essentially symmetrical with no major shape protuberances.

The data base used in deriving the method relied heavily on swept-wing tactical-com bat
aircraft wind-tunnel data.

No taIl effects are included.

The method is applicable for sideslip angles less than 80 .

The method is based on the premise that yawing moment is the product of the side force and a
moment anp from the point of force application to a reference point. Lift and drag effects are
neglected. Tlie method is applicable to asymmetric configurations for which the sidewash change
due to angle of attack is zero and fuselage effects are negligible.

The yawing-moment-derivative increment is composed of a basic contribution due to the store
installations and a contribution due to interference between adjacent installations (when separation
distance is small).

A. SUBSONIC

DATCOM METHOD

The increment in C (based on wing reference area and span) due to external stores is given by
n~

3.5-a

where

is the wing reference area (ft2).

is the wing span (ft).

is the total number of store installations on the aircraft.

is the basic side-force contribution (ft2/deg) per degree sideslip due to a symmetrical
pair of external-store installations, obtained from Section 3.4.

is the total number of pairs of adjacent-store installations carried. (See Sketch (a).)
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SKETCH (a)

is the side-force contribution (ft2 /deg) per degree sideslip due to interference effects
from a pair of adjacent-extemal store installations, obtained from Section 3.4. This
term should only be used for single-store installations placed at approximately equal
distances below the wing, with minimum laleral separation of 25 to 60 inches
between store surfaces of adjacent installations.

are moment arms (in.) from the moment reference point to the effective point of
application of the side-force increment due to external stores, positive in the aft
direction. The moment arm for the first of the pair of adjacent installations is Q ,

the second of the pair is Q . The value of Qm isgiven by m 1m 2

3.5-b

where

(FS)"f is the fuselage station (in.) of the moment reference point.

(FS)LE is the fuselage station (in.) of the nose of the most forward store on the
installation or the leading edge of the pylon for the empty pylon case.

Qx is the longitudinal distance (in.) from (FS)LE to the point of side-force
application, positive aft. This term is a function of installation type,
and is calculated below for various configurations.

Case I: Wing-Mounted Empty Pylon

Qx = 0.25 C
Plow

3.5-c

where

c is the bottom-pylon-chord length (in.). (See ~ketch (b).)
Plow
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Case 2: Wing- or Fuselage-Pylon-Mounted Single Store

Qp Bp + QSB B
SB

+ QSF B
SF

Bp + BSB + BSF

where

Qp is the pylon moment arm (in.) given by

Q = 0.25 c
P Plow

where cp is defined above for Case I.
low

Bp is the pylon contribution given by

B = 0.15 (h
p )2

p 12

where

3.5-d

3.5-e

3.5-f

is the average pylon height (in.) shown in Sketch
(b).

QSB is the store-body moment arm (in.) given by

3.5-4

where

QS is the store-body length (in.).

BSB is the store-body contribution given by

3.5-g



3.5-h

where

ds is the maximum store diameter (in.).

£51. IS the longitudinal distance (in.) from the store nose to the
intersection of the store~fin quarter chord and the store-fin
50-percent semispan. (See Sketch (c).)

7
_---------L-----I 0.52:

b,.

SKETCH (c)

BSF is the store-fin contribution given by

B
SF

~ 0.082 C; )2 for + or x type fins 3.5-i

or

BSF ~ 0.107 ( ~;Y for V type fins

where

3.5-j

bF is the store-fin span (ft) shown in Sketch (c). (For
V fins, the total span of the actual fin and its
mirror image.)

Case 3: Wing- or Fuselage-Pylon-Mounted Fully-Loaded MER

(0.933) £pBp + 0.5 £EM (0.0325) + 0.5 QSB FSC + £AscBAse

Bp + 0.325 + BFse + BAse

3.5-k

3.5-5



where

Qp is given by Equation 3.5-e.

Bp is given by Equation 3.5-f.

QEM is the length of the empty MER (in.).

Qs is the store-body length (in.).

BFSC is the forward-store-cluster contribution given by

3.5-Q

where

be is the maximum vertical span (in.) of the side
projection of the store cluster in a vertical plane,
excluding protruding fins. (See Sketch (b).)

bF and ds are defined above in Case 2.

QAse is the aft-store-cluster moment arm given by

3.5-m

where

Qn is the longitudinal distance (in.) from the store
nose of the forward cluster to the store nose of the
aft cluster. (See Sketch (b).)

BAse is the aft-store-cluster contribution given by

3.5-n

3.5-6

where

BFse is given by Equation 3.5-2.

RLe is an aft-store-cluster lateral-clearance factor
obtained from Figure 3.5-12 as a function of ds
the maximum store diameter.



Case 4· Wing-Pylon-Mounted Fully-Loaded TER

(0.80l £pBp + 0.5 Qn (0.182) + 0.5 QsBFse

Bp + 0.182 + BFse

where

£p IS given by Equation 3.5-e.

Bp is given by Equation 3.5-f.

Qn ,s the length of the empty TER (in.).

B,.se and Qs are defined above in Case 3.

Case 5: Fuselage-Tangent-Mounted Single Store

£SB 8 SB + QSF BSF

8 SB + BSF

where

Q
SB

is given by Equation 3.5-g.

BSB is given by Equation 3.5-h.

Q
SF

is defined previously in Case 2.

BSF is given by Equations 3.5-i and 3.5-j.

3.5-0

3.5-p

Reference I indicates that the method nominally results in average prediction errors of 20 percent
from the actual yawing-moment increment. The percent error is highly dependent upon the distance
from the aircraft center of gravity to the point of side-force application. When the side force acts
through a point near the center of gravity. the percent error may be large even though the moment
error is small. A comparison of test data with results calculated by this method is presented in
Table 3.5-B. Additional comparisons of test and calculated results are found in Reference I.

Sample Problem

Given: A swept-wing fighter aircraft from Reference 3 with single pylon-mounted air-to-air missiles
mounted on each wing.

Aircraft Data:

S = 530 ft2w bw = 38.67 ft 317.0 in.
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145 in.

T
::::==========~~~~=3~9t·~9}i~n=.=====~~~~~ 31.7 in.

-L

135.5 in. ------------~

~--- 69.2 in.

Store Data:

QS = 145 in. bF (FWD) = 39.9 in.

b
F

(AFT) = 31.7 in. QSF (FWD) = 69.2 in. QSF (AFT) = 135.5 in.

Installation Data:

c = 113.8 in.
Plow

•h = 18 in.p (FS)LE = 182.0 in.

Additional Data:

M = 0.6 .:iCy = -0.0015 per deg
~

Compute:

Find Qx for each installation. (Only one side need be computed since the installations are
symmetrical.) For a wing-pylon-mounted single store:

Qp = 0.25 c = (0.25)(113.8) = 28.45 in.
Plow

(Equation 3.5-e)

(h )2 (18)2
Bp = 0.15 I~ = (0.15) 12 = 0.3375 (Equation 3.5-f)

QSB = 0.15 Qs = (0.15)(145) = 21.75 in. (Equation 3-5-g)

BSB = 0.09 (~~r= (0.09) C8
2f = 0.0400 (Equation 3.5-h)

Since there are two sets of fins on this store, both sets are accounted for in the computation.
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For the forw:ud set of fins.

~Sl :::::; ()9.~ in.

(h) ,
BSI = W.OS2) 1;

For the Jft set of tins,

CSI' = t 35.5 in.

(0.082) (319~9) 2 = 0.907 ft' (Equation 3.5-i)

(hi) 2
(0.082) 12 = (0.082) 0.572 (Equation 3.5-i)

Cp Bp + CSB BSB + CSI ' BsJ'

Bp + BSB + Bsl'
(Equation 3.5-d)

(28.45)(0.338) + 01.75)(0.0400) + (69.2)(0.907) + (135.5)(0.572)

0.338 + 0.0400 + 0.907 + 0.572

81.2 in.

(Equation 3.5-b)

317.0 - [182.0 + 81.2J

53.8 in.

Slllce there are no pairs of adjacent store installations, Q and C are not computed.
m 1 m 2

YB and YA are estimated by the method of Section 3.4.
~ p

YA = 0 (no adjacent store installations)
~

Since LlCy is given, YB can be computed from Equation 3.4-a.
p p

(Equation 3.4-a)
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Recalling that Y = 0 and thaI there are two installations symmetrically placed,Ao

= _I (2)(~)Y
S ,Il"

W -"

= S florw "Yo

= (-0.0015)(530)

=-0.795 [(2/deg

Find floC :
"p

Since YA = 0, the second term in the above equation drops out. Since the store installations
p

are symmetrical, the above equation reduces to

= 2 -2
1

(-0.795) (5
1
3
2
.8)

(530)(38.67)

= -0.000174 per deg

Additional values of floC at other Mach numbers are shown in comparison to test data from
"p

Reference I in Sketch (d).

~0004 0 TEST VALUES 1- REF. 3
I J

-- CALCULATED

rI ./0 D
(

3.5-10
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IJ. TRANSONIC

Thl' 1Ill'llwu pre'\t:Jlkd III Paragraph A {)f thl .... ,~t:ctlon is also valid in the transonic speed range. The
user is cautioned that the expedeu aCL'uracy of the method is less than that expected in the
subsoniL" specd rangL'. A comparisun of test datJ with results Gdculatect by this method at transunic

speeds IS presented in Table 3.5-8.

C. SUPERSONIC

The method presented in Paragraph A of tillS section is also valid in the supersonic speed range up
to a Madl number of 1.6 to 2.0 as indicated in Table 3.5-A. The maximum Mach numbers provided
in the figures of Section 3.4 should indicate the levels to which the method is substantiated by
Reference I. Caution should be used when extrapolating the data beyond the Mach-number mnge
provided III the figures. A comparison of test data with results calculated by this method at
supersonic speeds is presented in Table 3.5-8.

REFERENCES

1. Gallagher, R. D.• Jimenez, G., Light, L. E.• and Thames, F. C.: TeChnique for Predicting Aircraft Aerodynamic Effects Due to
External Stores Carriage. AFFDL·TA-75·95, VolumeS I and 11,1975. (U)

2. Watzke, R. E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer, McDonnell Douglas Corporation Rept.
DAC-67425, 1968. (U)

3. Bonine, W. J., et al: Model F/AF-48-C Aerodynamic Derivatives. McDonnell Douglas Corporation Rept. 9842,1964 (Rev.
1971). (U)

TABLE 3.5-B

SUBSONIC AND SUPERSONIC EXTERNAL-STORE YAWING MOMENT
DATA SUMMARY AND SUBSTANTIATION

IlCf/(3 ~Cf/(3 ~Cf/13

• calc test calc-test
R,f Loading Description (deg) M (per deg) (per dog) (per deg)

2 Wing Station Mounting 5 0.6 0.00048 -0.00015 0.00063

j left Inboard Pylon-Mounted Single; 300-gal tank j 0.8 0.00049 -0.00015 0.00064
Right Inboard Pylon-Mounted Single; 300-gal tank 0.9 0.00053 -0.00015 0.00068

0.95 0.00054 -0.00035 0.00089

3 Wing Station Mounting 5 0.6 -0.00017 -0.00020 0.00003

j
Left Inboard Pylon-Mounted Single: Missile

j
0.8 -0.00019 -0.00020 0.00001

Right Inboard Pylon-Mounted Single: Missile 0.9 -0.00023 -0.00023 0
0.95 -0.00028 -0.00025 -0.00003
1.2 -0.00032 -0.00045 0.00013
1.6 -0.00023 -0.00023 0
2.0 -0.00073 -0.00023 0
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3.6 EFFECT OF EXTERNAL STORES ON AIRCRAFT ROLLING MOMENT

'..;n IbtL-om ~h·thod is provided to ~stlmttlt' till' effect of external stores on aircraft rolling moment.
No suiLihle genl'ral mdhnds have been developed which provide satisfactory results for a wide range
of [nading configurations. The user may consult the references cited in Section 3 for available
information on prediction of rolling moments.
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4.) WINGS AT ANGLE OF ATTACK

A great deal of theoreticu\ and experimental work has been done toward tbe development of airfoil sectioDs.
Theoretical airfoil design is hampered by the exietence of viscous effects in the form of a uboundary
layer" of low~enerp;y air between the airfoil surface and the free stream. This boundary layer affects
chiefly the section draR and maximum liCt c haracteristic8 but also has minor effects on lift-curve slope,
an~le of attack for zero lift, and section pitchin~momentcoefficient.

Since the boundary layer is influenced by surface roughness, silrface curvature, pressure gradient. heat
trsnsfer between the surface and the boundary layer, and viscous interaction with the free stream, it is
apparent that no simple theoretical considerations can accurately predict all the airfoil characteristics.
For theAe reasons, experimental data are always preferable to theoretical calculations.

Airfoils have been optimized for many specific characteristics. includin~ high maximum lift. low drag
at low lift coefficients, low Jrag at high lift coefficients. low pitching moments, low drag in the transonic
region, llnd favorable lilt characteristics beyond the critical Mach number. Optimization of an airfoil in
one direction usually compromises it in another. Thus, low-drag airfoils have poor high-lilt characteristics,
and high-lift airfoils have low critical Mach numbers.

It is apparent from the above that any generalized charts for airfoil section characteristics. including the
ones in this handbook, must be used with caution.

Included in this Section are tabulated NACA experimental and theoretical data that are used and discussed

in detail in Sections 4.1.1.1, 4.1.1.2, 4.1.1.3. 4.1.1.4. 4.1.2.1.and 4.1.2.2.

Table 4.1.1~A summarizes experimental data (or the NACA (our- and five-digit airfoils. Table 4.1.1-8
gives corresponding data for the NACA 6-series airfoils. The data. from reference I. are for smooth-leadiD8'"'
edge conditions and 9 x 106 Reynolds number.

Information is presented on the following airfoil characteristics:

1. angle of attack at zero lilt. ao

2. lift-curve slope, Ct
"-

3. an~le of attack at which the lift curve deviates from linear variation. a!'

4. maximum lift coefficient, C'f .......
5. angle of attack for maximum lift coefficient. ac!max
F. desif.;ll lift coefficient C1

i

7. Q ngle of attack at design lift coefficient. o.j

From these first five quantities the approximate section lift-culVe shape can be synthesized. as illustrated
in the fol!owing figure:

4.1.1-1
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•

Esperimeatal data for • lars. aumb6l' of additional airfoil. are available iD the literature. Tbeae .i....
foil. may be located wit.b ,b••id of 'abl. 4.l.1-C.

Table 4.1.1·D pre.ent. theoretical aerodya.amic character.atica of varioua airloil mean linea. Thia
theoretieal ialormatioa i. ueed to approximate characteriatiea of NACA.. type airfoil. for which experi~

meatal data are Dol available.

REFEREHCES

I. Abbott, I. R. o YOD Do•• tlolt, A. Ii., _II StIYera, L. 8 •• "r., Su••..,y of Airfoil DD'•. NACA TR '24, 1'415. (U)

I. Plakartoa, _III Gr•••bar•• H.I Aarodyaaalo CII...,&ctDI'I.UCD of .. Lu•• Nuab.1' 01 Alrlolla T.et.d i. the

V.,lul..D lty Wlad Tu•••I. HAC'" Ta "', I.... (U)

'0 J_ob•• &. N., _II AbboU, I. H.I Alrloll S.olloa Data Obt.I••d 1-. tb. N.A..C.A. V.,loUl'a-DD.alt)' Wind Tun 11.1
_ Art.o.... b,. auppon 1.".".'••0. _. OU••, COft.GUoo•. HACA TR IU, I'.'. (U)

•• ".ooba, S. H •• PI_k.no•• a. W., _. 0 ... _110.,•• H.I T ..... 01 R.I ..... P'or.ar••C_b.r Airloll. I. the Va,lable.

D•••It.,. WI.d T ....l. HACA TR '.0. 1.1T. (U)

•• .laoob., S. H •• Ward, k. S., _d PI.k.no•• a. W.: Till. Clllar.ot.,laUc. 01 Til R.lat.d .\lrloll S.CUOIl. frolll T ..... III
u.. V...lul...D......,. WI•• T_••I. HACA TR 4'0, I.... (U)

•• Loftllll, L. 1[., "'.1 T".o,.Uo-.l _d 1:....,1__..-.1 0 .... 1o, a Nu.b.r 01 N AeA IA-S.,I•• Alrloll Soctlon.. N ACA

Ta .0., ..... (V)

t. Dllllo", B. N., _d 010", a. L ••".of. 01 Tllllok c..b." .. T ..lok•••• DI.t.rlbut.loD on Alrloil Ch.fac".rlotlo.
at "_ 0. MAOA TN 110f t (0)

•• Llllld••,.••• r., atoV_.OD, D. B., _d 0-.1.". 8. H.I A.rodYB_lo Cb.,.o...,loUo. 01 :14 NACA 18-S.rl•• Airfoil••t

Wao" "_.It.,. Il1o.".0_ 0,1 _d 0.'. HACA TH 114'•••••• (U)
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TABLa f.I.I-A

EXPERIMENTA L LOW SPEED AIRJI'OIL SECTION AERODYNAMIC CHARACTSRQJTlCS.

R •• x 10'•••ootllo L ••dID. Bd••

f- _4 '.D••1t AlrloU.

o,,!a~ "
.

Alrfoll "0 ". "f"
•• 0. 0,.....

(d ••> " (d••)
(p., d••) (d••>

0001l • • .101 . 110 ••• ... ..p
0000 • • . JO • .110 lI.f I.U lI.f

HoOI 0.' ·.011 .10' .110 If.O I." 10.0
HoIO _ 1.0 -.020 . JOI ... f a.a 1.'0 11.0

1413 -1.1 -.011 • lOll .113 1'.1 I." 121.0

3411 -1.0 -.OfT .101 .Ift I'.' I." •••
It.ol ·2.0 -.Of' .JO' .'ft I'.f I." 10.0

2411 -3.a -.010 .10' .1.0 If.O I.ft 10.0

3UI -1.11 -.040 .10' ••41 1'.0 J.ft •••
U2. -1.8 ·.040 .011 .IIJ 11.0 .... •••
4412 ·a.1 ·.011 .101 .1., 14.0 LIT •••
HII -•. a ·.011 . 101 .... 11.0 1,'. •••
H" -,.' -.081 .101 .• u 14.0 I." •••
H21 -'.11 -.on .10' •111 1'.0 1.41 •••
441. -'.11 -.OU .100 .111 1'.0 1.11 •••

28012 - I •• -,014 .10f .lff 1'.0 I.n 11.0

21011 -1.0 ·.OOf .IOT ••41 1'.0 I.TI 10.0

2'OJI -1.2 ·.001 .10. .141 1'.0 1.10 11.1
11011 -1.2 • .101 .111 1•. 0 1.'0 10.'
2101. ·0.8 0 .017 . 111 1'.0 1."'0 •••

TABLE ",.1.1-8

EXPERB(ENTAL LOW SPEBD AIRFOIL SBCTION ABRODYNAWtC CRARACTBRI811CI··

R •• x 10' , S.ooth L ••I:UD. Bd••

'·8." •• Ahfon.

•
AI,foli ". ".. 't"

0. ••
""t,,~ ".t,.~ "(d••)

(p., d••) (d• .,
(d••)

..·00. 0 .00' .11. .•'1 10.0 ... •••
·00' • • .111 .111 11.0 1,1' 10.T

....20. . 1.' -.OIT .111 ..'" 10•• 1.0' •••
-20t ·1.'" ·.011 .110 .•11 11.0 ••• 10.'

-110 -1.3 ·.011 .111 .111 If.' I." •••
1~-012 0 • .111 ••11 11.0 1." I •. '

·'12 ·1.0 ·.0" .11", .u. If.' I." 11.1

·IU •••• ·.OTt .IIT •ITI 1••0 I.n •••
(OO.td.)

',IFT COB,,"IClBNTI USED IN 11I&S£ CHARTS 18 MSSD ON ORoaD

U.I-3



TABLE 4.1. I-B CCoatd)

Airfoil ... 0
'I" LO. Q.0l.... '1.~

.
Cd••)

-0 "(p.r d._Ill Cd••l
(d••)

'aa·O II • • • tiT .2TI 14.1 l.n 11.0
.~ 16 -1.0 ·.oao .11' .SIT 11.0 1.'0 •••
-4011 -2.8 -.0" .118 .212 1'.0 1.'8 10.0

-'" -I.' -.101 .11'1' .S" .1.0 I.IT •••
...-018 • • .118 .~1'1 11.8 I.U 11.2

-218 -1.4 -.011 .118 .2TI 141.' I.U •••
·4018 -S.T -.014. .118 .In ".0 I. IT T.•

-'18 -1.1 -.OtT .118 .2n .'.0 1.11 •••
....-Otl • • .118 .tTl IT.O I, 38 •••

-211 -La -.011 .118 .211 11.0 1." •••
-421 -I.' ·.012 ••• .271 1'.0 1.48 '.T

U,4-fo~ -1.2 -.011 .10' .111 U.O l.fol T.'
'l,fo-fo20 _ ·.1 -1.4 -.OIT • til .111 .'.0 1.11 •••
U(foIO)-foU • •. 1 -.0" .111 .tTl 141.0 t.I'II •••
'1(410)-1 IT -1.0 ·.084 .108 .114 18.0 J.II0 •••
14-001 • • • tOt .2111 ••• •• T.>

-00' • • .tlO .112 11.0 I. IT 10.0

14-108 • •• 0)1 .ltO .211 10.0 I.' 10.0

-110 - t.O -.020 . 110 .2.1 11.0 I .• 10.0

14-20' -1.0 ·.040 .110 .211 12.0 LOll •••
.>G. -1.1 -.01' . till .:In to. II 1. :Ill •••
-20. -1.1 -.040 .IOT .:111 11.0 I. flO •••
-~IO -1.' -.040 .110 .:118 14.0 1.46 10.8

'41-01:1 • • · III .11:1 14.8 1.46 11.0
-112 -0.1 -.OIT .111 .:l1f 14.0 .... J2.2
-112 -l.a ·.017 .Ita .282 11.0 1.11 11.0
·412 -1.1 -.011 .tt2 .IST 111.0 I.ST •••

114s-0 II • • .111 .2'T 11.0 I, 48 1a.0
-111 - 1.1 -.010 • ttt .211 11.0 J.n 10.0

-4111 -2.8 ·.OTO .111 .114 111.0 1.16 •••
....018 • .004 .ttl .'11 IT.O 1.110 12.0

-218 -1.1 -.02T .111 .2T I 11.0 J.1lli 10.0

-418 -t.• ·.011 • 111 .Ifa 14.0 I.n •••
•..1 -a.1 -_Oil . 11' .171 11.0 1.68 •••

.....021 • +.001 .110 .274 141.0 Lao lo.a
-221 - t.2 -.011 .IlT .au .a.o 1.112 '.1
-411 -'.1 -.011 .1:10 .:In 11.0 1.42 •••

III-DOl • • . 101 .:1111 tl.O ... T.'
·OOiO • • .IOT .114 11.0 J.08 •••

111-201 -1.1 -.011 . 101 . nT 1:1.0 LOll •••
·10' -J.I -.oat .101 .2111 11.0 1.10 10.0
-liD -I.' -.OU .108 .112 11.0 1.40 •••

lI-lilO -s.• -.Ott .111 .In If.O 1.112 •••
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,. ,. "" Ir. 4. I. 1-8 (r..... t .. \

r
.

Air/oil a, '. "fa ".0.
""r..~ "t.~

a
(d••) .

(d.a)
(p"r d ••) (d••)

'&,-0 l:l 0 0 · 110 .IU 14.0 1." 10.0

I
-:ll~ -1.0 -.011) .108 .2it 14.0 I. n- •••
- ~ 1:0 .. • . 6 -1.4 I •. 031 .108 .,.. 14.0 1.10 •••." -8.0 I

.. 0'10 .111 .211 11.1 1." 10.1

I tl&:r-O I & 0 0 .111 .:au 11.0 1.41 II.'
-~ I & -l.~ ·.ou .II~ >0' 111.1 I.U 10.0
-t.U -~.. -.0110 .11: .211 1'_0 l.tI •••

I
-fU .. ·.1 -2.e -.01 I .111 .2140 00.0 ItO '.0

U{u.-11t. -0. T -.on .II:! .2U 111.0 I. .... 10••

lIlIU11I)·t.Iii .... Ii -8.0 -.Olf .10' . 2IT 18.0 t.IO '.0

U.II·0 III 0 0 .100 .212 IT.O 1.404 10.0
'flll OW .. -8.0 0" .112 .liU 00.0 I." •••
-818 -4.0 .. '00 .110 .2T1 00.0 1.10 •••

.a,·o 18 0 0 .100 .,IT 1'.0 I.IT 10.0
.~ 18 - I. 2 . . 080 .100 .2e• 11.0 1.41 A.A
·4/8 -~.4 ·.061 _110 .IIlI 18.0 1.14. •••
'411 .... Ii -2.~ -.011 . till . 21'1' 18.0 1.'0 '.0
·818 -4.0 -.102 · III .2n 18.0 1.'4 •••
·818 0- .. -'.2 -.OTa . 104 . 2e• 00 .• I.e i •••

flli.-02 I 0 0 .112 .21T 18.fI 1.40 •••
.~~ I -1.8 •. G2. . I iii .2Tt 20.8 I." '.0
-t.~ I -2.11 -.Oft · lie .2T2 2:1.0 1.f11 '.0
-4~ I .... Ii -2.11 -.082 .11t .2T2 to.o 1.411 •••

f1i(.:r.r U6 -2... -.oel .1111 .2U to.o 1.12 •••
..-ooe 0 0 .100 .212 '.0 •A• •••

-00. 0 0 . 108 .u. 10.0 1.01 10.0

fllI·2011 -1.4 ·1)118 .1(111 .IU 10.1 .... '.0
-:10. -1.0 -.014 .10T .21T 11.0 I. IT '.0
-210 -1.8 -.OU .110 .2'1 11.0 1.21 10.0

'1,-0 J:l 0 0 .101 .2U 14.0 1.21 11.2
- ~ 111' -1.2 -.08: .102 .21tt 1•. 0 t." 11..

tlil-Olll 0 . 0011 .10' .,.. It.• I.., 12.0
-211 -1.8 ·.0'1 .101 .1.0 11.0 1.10 11.'

-'11 -,.. -.0" .10' .2.0 IT_O 1.'0 10.0

U{2l1i)-OI' 0 0 .10' ..... 1... 0 1.11 10.0

I
-21' -2.0 -.OU .114 .In 11.0 I." A.A
·21t ....' -1.2 -.0'0 .180 .2IT 1'.0 1.40' '.0-... -:1.1 _.011 .100 .211 11.0 .... '.0

8l1AO 10 0 .001 .101 .214 ".0 •. to '0.0
ellAIIO -1.1 -.040 .1011 .211 140.0 I.U 10.0

"AOIO 0 0 .110 .2f'll 1'.0 1.2' 10.0
,.A:lIO

I
-1.11 -.040 .1111 .2U ... I.U '.0.0

IJlA410 -'.0 -.060 .100 .214 11.0 1.tI 10.0

",A212 -2.0 -.040 .100 .212 14.0 1.14 11.0

'4:r A21li ·2.C -.040 .ou • 2'2 ".0 .... 12.0
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TABLE 4. I. I-C

BIBLIOORAPHY OF SUBSONIC AIRFOIL OAT A

NOTES: I. For .lrfoll d•• I.naUoD•••• S.OtlOD :I. I. 1

:I. For .. oOPiprab.D.lva covar.. a 01 addltlo••1 ..Irfoll .aotloto••ae R.fereDce I.
I. 81D.le ••terl.k daDot•• d.ta at. po.utva _d n....Uv. an.I •• of ..Uaoll.

RefereDoe 1 CLARI. y. R.faraDo. a N. A.C A. :ll'il:1 R.fereno • .,
Y-B

1

:ltlitl

N AC A. n,I-:lU YW-U- M.A.C.A. 001:1 :16 HI

I
M.A.C.A. 88.40001

THAIlU YIoI- IS- OOU :111:11 84AOO.
H1A.Ill

yo' 0018 :l81~ e .AOOe

Yo' 00:11 ~11:1
e.A~Oe

R.fer.lIoto ,
Y-I0 OO~1l N.A.C.A. 41i11:1 84Alloe

BOEING 101" Y-U 0010 4808 8.AOOI

I
lOlA' Y-IS- 'l:UliI 4809 84AOI:l

108- Y-:I:I 2401 UI:I 86AOOI
10eR Hoe 4116

111- HOI 4818

II"). M.A.C.A. CYR- 4UI R.f.r.aoe •
•..e- N.A.C.A. 21008 41108

SIKORBKy OS-W'

I
:lIOOD HOI N.A.C.A. 18-001

08-1- N.A.C.A . .. 41012 UU 18- 10e

B.T. A•. >TA .. 48016 foil 16 18-101

11 41018 4618 11-116

B.A.F. 0< "
8IOl~ foIl~ I 18· 110.. 81013 4812 18-209

U.B.A. >T' ,. H 12 18-211i

I
a.'.r.DO. 4

n·A .,. N.A.C.A. nl:l
18-108

t16-S-

"
N.A.C.A. OOl:l-ea 8S08

18-10'.. 0012-" 8809
1Ii-4 1:1

con 0012-116 It-I iii

" 831:.1
c·u- :laO 1~·1II 18-Ul.. Ulli
C-IO- 21012·14 HI·40D

>T Ul8
:1101:1·8. eUI

18·1\)8

N-U- M.A.C.A. UII:I 21012 UOB
If·t101

N-80

I :.11112 :aOl:.1 16·612
1401

H-80R 24112 24012 18-6111
8.1:.1

N·lI8
211112 :116012 18-6:.11

Ulli
M·8I 1:01012 1418

18-1180

H·11- U012 11·10&
84:.11

N-TII- hOl:.1 8601
11·112

N·11- 4:11012 nOI
11·1ta

N_SO- 4S00' iii 12
18-1001

N·II- 408Ol2A tl'i16
1"1012

UOlil 11618
OOTTINGEN "T 4.011

liS-
ealll

1lI01i1
ate-A

II III
UOOI

'''·8 111:.1
U011

au·. 81021
N.A.C.A~-0008T... -"0211

00088... 0012T

.U·AQ R.f.,..oe • OOHIB

UI·.r OOUT.u- N.A.C.A. 2101 0018B

182· I 2101 lIa,12
2112 2&, III

I :111 OOltF e
21.01 0012F,
2101

2101
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TABLE f. 1. 1-0

THEORETICAL LOW SPEED AERODYNAMIC CHARACTERiSTICS OF VARIOUS AIRFOIL WEAN LINES··

FQur-Dlllt 8.rlell

"....
"eo

"
Flve-Olllt Serlee

"0

"0
,"0

"0
'"0

1_8erl""

.·0
0.1

0.2

0.'
C.,
0.'
0.'
O. T

0.'
0.'
'.0

0.'
0.'
0.18

O. Til

0.78

0.80

o.ao
o.ao
o.ao
o.ao
o.ao

1.0
1.0

1.0
1.0

1.0
1.0

1.0

1.0

1.0

•• 0

•. 0

'"
1 '0

O.H

o
-O.H

- 1.10

:I.oe

."
I "
I. 41

1.:18

4.68

4.n
4. I'r

8.84

a.41
a.04

3.118

:iI.oe
1.114

o.eo
o

-0.113

-0. 134

-O.16T

-0. 18 T

-0.332

-0.U8

·o.ooe
-0.010

-0.014

·0.0 III

'0.0:11

·0.083

-o.oae
-0.oe4
-0.101

-O.UI

-0. lie
-0.168

-o.17e
-0.:103

-0.nil

-0.3110

For oth"r NACA fQ,n-dtllt rn"an Ilo"a,

... ultlply th" cQneapolldlnl l-p"rO.Dt

c .... ber 01' CJ.j andfblll. by <n. r.tlo of
i 0/"

the CNnber dlll .. tpatorll, I.e .• (:il/I).

(3/8). (4/1). (II/In

For other NACA f1"e-dl.it ... ean IInell,

multiply tbe oorTellpondln.· or" \~ aDd

!Gill. by tbe ratio or o .... b.r d.atlll.tor.,

0/'
I.e .• (a/,), (4/3), (11/3), (8/3).

For NACA I-II.rle .. airfoil II , alll.ltlply

tbe OQu••poodlo.·...ean Iloe 't. ~ &lid

"- . by tbe r.UQ of d,.lao lift OQ,ftl_
0, •

Qleota.

• "Corr".polldlll,·· o ....b"rll .r" lho.1I for .. blob tb. ohord.. I•• po.hloll of

al&JChllum (I_bllr I. the ••"'" .

•• Lltt ooeftlol'lll I, balled Oil alrfQII chord.
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4.1.1.1 SECnON ZEKll-l.IFT ANI;U: OF ATTACK

Heynolds Dumber and roughness have tl small eHect on section zerO"'lift angle or attad. Hderence I shows

tbut ... ariatioD8 due to tbese muses tU"e usually restricted to less than 1
0

•

IIp 10 the critical Mtlcb number tbe effect of compressibility on the zero-lift angle of attack is negligible.
Above tbe critioal Mach number, however, compre~sibilily cUcCIS caD cause large ch<1nges in this parameter.

Hderence :l presents MtH'h number effects on some cambered sections.

For supersoDic Mach numbers it is advisable to U!:ie tbe method of characteristics or the generalized shock.

expou:uoo method (reference 3). The charts and tables of thili Section. however, are restricted to low

speeds.

HANDBOOK METHOD

~xperimental data from reference 4 on the zero-lift ilDgle of attack for NACA four- and five-digit and 6-series
airfoils are preseoted to tables 4.1.I-A and 4.1.I-U, respectively. Oata on many additional airfoils may be
located in tbe literature wilh the heJp of table 4.I.I-C.

For airfoil series not included in this summary, lhe- theoretical characteristics tabulated in table 4.1.1-0 may
be used in conjunction wilh the aforementioned experimental data to derive the zero-Jift angle of attack
according to tbe following method. The zero-lift angle of attack is given by the equation (atJ~uming a lift
curve slope of 277)

4.1.1.1-.

~(a; - 9.12 'I.),

where c!j Bnd Ui are the design lift coefficient and angle of attack for the design lift coefficient, respec
tively. The factor K is empirical (reference 4) and depends upon the airfoil series. For NACA airfoil sec

tions the values are:

K =- 0.93 NACA Four~Uigit Series
LOB NACA Five-Digit Series
0.74 NACA 6-Sedes

Theoretical section design lift coefficients and corresp0:lding angles of attack for NACA foW"" and five·
digit and 6-series airfoils are given in table 4.I.I-D. For airfoils other than those included in lahle

4.1.1-lJ, the tabulated values of ui Bnd cli may be linearly scaled, as Indicated in the sample problems
below and in table 4.1.1,0. The zero-Uft anp;le of attack so obtained may be adjusted by judicious use and
comparison with the experimental data of related airfoils. Wherever possible, however, expenmentiiJ duta
sbould be used. Tbe accurac)' of this method 8S compared to experimental data is shown in table 4.1.1.I-A.

SAMPLE PROBLEM

Example 1: Find the theoretical a e for the NACA 2415 section. The calculation of the theoretical a. for
this section .bowd be baaed on Lbe NACA 64 me.. line, lor whicb

4.1.1.1-1



ai ·0.74' ..del; ·.76(Tabl.4.1.1·D)

aj • (.74) 2/6

.0.25 0

e, • (.76) 2/6
i

·0.25

From equation 4.1.1.1-.

a.· .93 (:IS 57.3 x .:IS )
211

__ 1.91°

This rcsult comparee to 0.0 • _2.0° experimentally.

Example 2: Find the theoretical Q.o for the NACA 65
1

- 415, .·0.5 airfoil. (ca.•.4)
1

The NACA a .0.5 mean line serves as a baec in tbia c_e, for wbicb the tabulated data of table 4.1.1-0 indicate
that o.i • 3.04 0 when" • 1.0. The de.ired value of a i for the given airfoil i. then

o.i • 3.04 x -:.!.
1.0

_1.22°

Sub.titution into equation 4.1.1.1-. yield.

a••.74 (1.22- 57~:x .4)

--1.SOo

TABLE •. 1.1.1-.\

SUBSONIC ZERO-LIFT ANOLB 01' ATTACIl

SUB8TANTIA.TIOJrf DATA

Ahroll ",. ••• 4 0 , d •• ~. d••
Caloul ..ted T ....• (C&1o•• T ••t)

(Bqll"'loD •• I. 1-.)

u •• -1.0 -1.0 1.0 -0•• -0.:1 to 0
:U.x. -I.' -2•• &.0 -t.• -0. I to +0...

•••• -... -.0' to ••.• Oto +0••
:l1O_x ••• 2 -1.• to ·0.' -0•• to +0••
o. . I •• -0.' -1.0 to ·O.T o to +0••
f •• ?xx -I.' -'.0 &0 -1.0 -0•• to +0.'
I. - 4.11: ·3. T -'.2&0-'.' _(I I &0 +0.1

I.· I •• -4.0 ·4.0 to ••.• -0.4&00

I •• - I •• ... •1 -,.T · •. 1 +1 .•
I;"'•• , •• ... .. -1.0 -I•• +0.•
• x.· 41.x ..... .,., -1.0 +0.'
•• - Ixx -I.• -1.0 _ 0 .•

_ ...."if iill_T••••al••• 10' til......,1••_'-.1 "........ 4•• p,I• ..,lh to '''loll......'"IO "·T........

4.l.1.1-2
A••r.....rro,' _

•
.0.41

0
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U.1.2 .'iECTIO'l LIFT-(;UHVE 'iLOpE

Jill' theorl'tlCJI II1colllpressible lift-curve slope (based all the Kutta-Joukowski hypothesis of finite velocity
at the trailing coge) may be approximated by the l'quation (for angles of attack below 0:* as given in
S,'dion 4. I. I I.

cQ", ~ 6.21-; + -1.7 tic II + .00375 'PTE I(per rad)

wilnl' ¢TF is the total trailing-edge anglt: in degrees. ~owever, boundary-layer effects cause the actual
lift-curve slopes to rail considerably below the theoretIcal values.

011 thin wings tile loss in lift-curve slope dw: to Reynolds-number effects is approximately 15 percent £It
R~ = 106. f·oT thicker wings the losses arc further aggravated by the adverse pressure gradient over the
rear section due to thickness distribution. To a certain extent this can be correlated with trailing-edge angle.
Very tbin wings with leading-edge bubble-type separation also suffer additionallift-curve-slope losses.
Refl'fcnce 1 discusses viscous effects on the aerodynamic characteristics of wing sections.

rile effects of leaJing-edge roughness on lift-curve slope can be very severe in some cases. Losses as large as
30 percent. due to the effects of the standard NACA leading-edge roughness, are shown in reference 7.

Up to the critical Mach number of the airfoil section, lin-curve slope follows the Prandtl-Glauert compres
SIbility rule. Beyond the critical Mach number, thick conventional sections surfer large lin-slope changes due to
local shock formation on first the upper and then the lower airfoil surfaces. References 2, 3, and 4 show
thcse effects ror a series of thick airfoils. An example of Mach-number effects on the lift-curve slope of a
thin airfoil is contained in reference 5. Certain airfoils, notably the NACA 8-series (reference 6), arc specif
Ically designed to avoid these transonic effects.

Two methods are presented in this section for estimating the airfoil section lift-curve slope at speeds up to
the critical Mach number. One uses the large body of available experimental section data, while the other is
based on the semicmpirical method of reference 8.

No specific methods are presented in the transonic and supersonic speed regimes. Transonic airfoil section
characteristics arc highly variable with airroil section, and it is suggested that rererence be made to experi
mental data on the particular airfoil in question. At supersonic speeds theoretical pressure distribution about
an arbitrary section can be calculated by generalized shock-expansion theory, second-order theory, or the
method of characteristics (see reference 3 of Section 4. 1.1.1).

A SUBSONIC

DATCOM METHODS

I. Method I

Experimentallirt-eurve-slope data from reference 7 are presented in table 4.1.I-A for the NACA four- and
five-digit airroils and in tablc 4.1.I-B for the NACA 6-series airfoils. The efrect of the NACA standard rough
ness on these data is indicated in figure 4.1.1.2-7. The NACA standard roughness is obtained by the use of
0.0 I I-inch carborundum grains applied over the first 8 percent of the 24-inch-chord test models. Experi
mental lift-curve slopes for many other airfoils may be found in the literature with the aid of table 4.1.1-e.

Low-speed values of cQ obtained from Section 4.1.1 may be corrected for compressibility effects up to
'"the critical Mach number by application of the Prandtl-Glauert compressibility correction; Le., (cQ )

~~. ",M

'"
4.1.1.2-1



~. Method 2

This method is basIcally the semiempirical method of reference 8. The method accounts for the development
of the boundary layer for airfoils with transition fixed at the leading edge and with maximum thickness less
than approximately 20 percent. The airfoil section lift-curve slope at Mach numbers up to the critical Mach
number is given by

4.1.1.2-a

where

(cQ,,) theory

{J

is an empirical correction factor obtained from figure 4. I. 1.2-8a. This factor
accounts for the development of the boundary layer towards the airfoil trailing edge.
It is related to the Reynolds number with transition fixed at the airfoil leading edge,
and the trailing-edge angle defined as the angle between straight lines passing through
points at 90 and 99 percent of the chord on the upper and lower airfoil surfaces.

is the theoretical airfoil section lift-curve slope obtained from figure 4.1.1.2-8b. The
values of (cQ ) have been determined using the Kutta-Joukowski hypothesis.

a theory
Since (cQ ) is relatively insensitive to the exact value of the trailing-edge

" theory
angle, a value of <PTE = 200 , representing the upper limit of the method, has been
chosen as a constant m 'evaluatmg thIS parameter. Consequently, (cQ ) IS

" theory
presented as a function only of airfoil thickness ratio.

is the Prandtl-Glauert compressibility correction factor J I - M2

The constant 1.05 of equation 4.1.1.2-a is an empirical correlation factor based on a large body of test
data.

The method is limited to attached flow conditions and must therefore be applied with caution to airfoils with
maximum thickness exceeding approximately 0.20c, airfoils with trailing-edge angles greater than approxi
mately 200 , and airfoils at high angles of attack.

Although the position of transition is important in determining the boundary-layer thickness at the trailing
edge, no attempt has been made to estimate the efrect of variation of transition position. The available
experimental data do not clearly define the behavior of the transition-position movement; consequently,
development of general design charts to predict the variation in section lift-curvc slope with transition
position movement does not appear feasible. The transition will occur at or near the leading edge on both
the upper and lower surfaces of the airfoil for most full-scale practical cases.

A comparison of test data with cQ calculated by this method is presented as table 4.1.1.2-A.

"
Sample Problem

Method 2

Given: Airfoil tested in reference 9.

NACA 0006 airfoil

4.1.1.2-2

M = 0.15:{J = 0.99 4.5 x 106 tl c O.Ob



Y90 =0720
2 .

Compute:

Y99
- = 0.130

2
(Y in percent chord)

I ,
tan '2 "'TE =

Y90 Y99-----
2 2

9
= 0.066

(CQ",) theory

(CQ",) theory

Solution:

= 0.880 (figure 4.1.1.2 ·8a)

6.58 per rad (figure 4.1.1.2 -8b)

1.05
=

13
(equation 4.1.1.2-a)

1.05

0.99
(0.880) (6.58)

= 6.14 per rad

0.107 per deg

This compares with a test value of 0.1 03 per degree obtained from reference 9.
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TABLE 4.1 1.2·A
SUBSONIC AIRFOIL SECTION L1FT-eUAVE SLOPE

DATA SUMMARY AND SUBSTANTIATION
METHOD 2

NACA Y90 Y99 cia cia •
Airfoil Al 2 2 Calc. Tnt Percent

Aof. Section M ~ )( 10-6 %, %, (per dIg) (per deg) Error

9 0006 0.15 0.99 4.' 0.720 0.130 0.101 0.103 3.9
1 I - UlO 9.0 I + 0.108 0.108 0

I 0009 - I I 1.090 0.200 0.108 0.109 -0.9

10 I - 2.76 I I 0.101 0.097 4.1

" 0012 <0.15 0.99 3.0 1.448 0.260 0.101 0.103 -1.9

10 001' - 1.00 2.76 1.810 0,330 0.097 0.097 0
12 ()(X}4.1.1 0.30 0.956 1.0 0,622 0.110 0.104 0.106 ·1.9

~ DOlo-I.1 I I I 1.556 0.260 0.097 0.095 2.1
1 1408 - 1.00 9.0 0.965 0.175 0,108 0.109 ·0.9

I 1410 - I I 1.201 0.220 0.107 0.108 ·0.9
1412 - 1.447 0,270 0.106 0.108 -1.9

13 1410 <,18 0.98 6.0 1,207 0.225 0.107 0.106 0.9
14 2408 - 1.00 I 0.955 0.355 0.107 0.106 0.9

1 2412 - ! 9.0 1.450 0.260 0,106 0.105 1.0

I 2415 - I 1.810 0,340 0.105 0.106 -0.9
2418 - 2.170 0.400 0.102 0.103 -La

" ..,2 <0.15 0.99 9.0 1.465 0,270 0.107 0.108 -0.9

I "" I I 6.0 1.825 0.335 0.102 0.105 -2.9

"
23012 0,105 0.99 3.' 1.455 0.265 0.102 0.107 -4.1

16

<01,. I I 0.102 0.105 -2.9
11 0.102 0.107 -4.1

" 1.0 0.096 0.096 0

I I 3.0 0.101 0.102 ·1.0
9.0 0.107 0.107 0

1 - 1.00 I 0,106 0.107 ·0.9
I 23015 - I 1.815 0.335 0.105 0.107 -1.9

" I ,<0.15 0.99 B.9 I I 0.106 0.104 1.9

I I I 6.0 0.103 0.105 -1.9

"
23021 0.105 3.' 2.760 0.500 0.097 0.097 0

1 63-006 - 1.00 9.0 0.383 0.050 0.111 0.112 -0.9

• 63-009 - 1.00 I 0.550 0.080 0.112 0.111 0.9
lB 63-208 0.30 0.955 1.0 0.496 0.020 0.108 0.106 1.9
i 63-206 I I I 0.383 0.025 0.108 0.110 -1.8
1 I - 1.00 9.0 I I 0,111 0.112 -0.9

I 63-209 - I I 0.550 0.035 0.112 0.110 1.B
63-210 - 0.604 O.OJO 0.112 0.113 -0.9

13 I <0.18 0.98 I I 0.114 0.110 3.6
19 63-212 0.30 0.955 1.0 0.707 0.030 0.108 0.108 0
1B I I I I I I 0.108 0.101 0.9
I 63-210 0.604 0.030 0.108 0.105 2.9
1 63,.012 - 1.00 9.0 0.707 0.020 0.112 0.116 -3,4

I 63,.212 - j I 0.707 0.030 0.112 0.114 ·1.8

63,-4,2 - 0.700 0.015 0.112 0.117 -4.3

" 632-4
"

<0.15 0.99 3.0 0.855 0.037 0.108 0.116 -6.9

I I I I 6.0 j I 0.112 0.114 1.B
9.0 0.114 0.114 0

20 633-01B - 1.00 1.50 0.985 0.025 0.115 0.116 -0.9
7 64-006 - I 9.0 0.423 0.030 0.110 0.109 0.9
I 64-009 - I 0.611 0.040 0.111 0.110 0.9

21 64-010 0.3 0.965 3.86 0.671 0.030 0.112 0.120 -6.7
13 64-206 <0.18 0.98 6.0 0.560 0.030 0.111 0.114 -2.6
1 64-206 - 1.00 9.0 0,423 0.020 0.110 0.110 0

I 64-210 - I I 0,671 0.036 0.111 0.110 0.9

" 64-409 <0.16 0.99 B.O 0.610 0.025 0.109 0.106 2.8

'9 64-212 0.30 0.955 1.0 0.786 0.035 0.107 0.105 1.9
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4.1.1.2-6

TA.LE •• '.1.2·A (CONTO)

NACA YllO YII9 c/OI c.fa • I
AlI101l RI T 2 Celc. r_ '_cent

R". - lot IJ x 10-8 "c "c (PI" eNg: ,......, Error

.3 8<,·2.2 <0.'. 0.18 e.o 0.78lI 0.035 0.111 O. t 115 -3.5
7 8<,.(l.2 - '.00 8.0 0.7ee 0.050 0."2 0.111 0.8

1 8<.~'2 - I
e'o

0._ 0.035 0.112 0.112 0
11 8<,.e12 <0.'5 0.911 0.782 0.030 0.111 0.112 .(l.8
22 84,·212 - 1.00

I
0.7ee 0.035 O.•oa 0.108 0.8,,

~'5 <0.'5 0.119 0._ 0.035 0.110 0.111 .(l.9

.1 ~.. I I 1,"0 0.~5 0.110 0.108 0.9
7 ll5.QOII - '.00 9.0 0.739 O.GOO 0.109 0.107 '.9

• - ;'0
0.510 O.GOO 0110 0.106 U

23

1 I J I 0.10& 0.110 ~.5

I 8.0 0.110 0.111 .(l.9
215.0 0.111 0.112 .(l.9

7 ..208 - 8.0 0.5'0 0.030 0.110 0.10& U

I ..208 - 1 0.739 0.039 O."0 0.'09 3.8
"2'0 - o.e,o O.GOO 0.110 O.•oa 1.9

.3 1 <o.•e 0.18 3.0 I • 0.'09 0.108 0
'8 ..208 0.30 0._ '.0 0._ 0.030 0.'09 0,10& 1.0
I 8502'2 I I I 0._ 0.050 0.106 0.102 2.9
7 lIli• .(l12 - '.00 8.0 0.e.7 0.050 0.110 0.110 0

I lIli.·2.2 - I I 0._ 0._ 0.110 0.108 1.9

85.·2.2 - 0._ 0.050 0.110 0.108 '.9
••.8

11 ~'5 <0.'5 0.119 '.0 1.'4' 0.080 0.101 0.108 ~.7

I I I I e.o I I 0.'09 0.106 1.9
2. 85.3-318 - '.00 9.9 1.240 0.'50 0."0 0.109 0.9

••••
215 85,3-I1e - '.00 e.o 1.32. O.oeo 0.107 0.117 -8.5
2Ii ~18 -

I
1.9 1.318 0._ 0.101 0.104 -2.9

I • - e.o j I 0.101 0.111 ·3.e
7 85,3.e18 - 8.0 1.32& 0.080 0.110 0.110 0

27 85.....21 - '.0 uoo 0.080 0.098 0.107 -8.•

I I - 2.2 I I 0.102 O.'~ ·1.9
2Ii 85( 11 21.2.3 0.'5 0.119 e.o 1.026 0.050 0.110 0.102 7.e
7 - - '.0 8.0 0._ 0.050 o.,oa 0.'00 9.0

I ll5.QOII - I I 0.98' 0.080 0.'09 0.'03 U
.0 I 0..0 0.911 2.78 I I 0.103 0.'00 3.0
7 _208 - '.00 8.0 0._ O.GOO 0.108 0.108 0

t _208 - I I 0._ 0._ 0.107 0.107 0
_2.0 - 1.l'53 0.0li0 0.107 0.110 ·2.7

.8 -- 0.30 0._ '.0 0.983 0.050 0.T03 0,100 3.0

I _2'2 I I I '.233 o.oeo 0.'0' 0.097 •••
.3 _2'0 <0.18 0.18 3.0 '.053 0.0li0 0.'03 0.oa7 e.2
7 lIli(2.5).(l18 - '.00 8.0 '.1587 0.'00 0.'05 0.'05 0
I .2.5)·218 - I I ..- O.oeo 0.'05 0.11. ·7.9
2. lllI(2.5)·I1. - e.2 uoo 0.030 0.'03 0.1OS ~.e

11 ~'5 <0.'& 0.911 3.0 ..- 0.075 0.098 0.09ll ·1.0

• I I I 9.0 •.leo I 0.106 0,10& 1.0
28 1MI12.&1-2•• - '.00 I 0.180 0.105 0.'09 .(l.9
30 &JAO'O -

1
e.o '.030 0.130 0.106 0.109 0

• &JA2'0 - 8.0 '.030 0.'20 0.109 0.103 U
7 e<A0'0 - I '.092 0.'30 0..09 0.110 -\.8

3. I - 2.0 I !
0.101 0.018 3.1

• 0.2 o.lI8 7.0 0.'09 0..07 0.9
30 - '.00 3.0 0.102 O.• oa .e.e

~ e<A2'0 - ! e.o '.oeo 0.120 0.100 0.101 ·1.9
e<A.'0 - e.o '.092 0.125 0.108 0.105 2.9



TABLE 4.1.1.2-A (CONTO)

NACA Y90 Ygg 'Ia 'leY. ,
Airfoil Rl 2 2 Calc. T", P.-cent

Ref. Section M {3 x 10-6 ", ", (per deg) (per dig) Error

32 64A310 0.30 0.955 1.0 1.066 0.110 0.103 0.102 1.0

j
64A610 j I j 1.010 0.125 0.103 0.107 ·3.7

64A910 1.036 0.110 0.103 0.103 0

30 641A212 - 1.00 5.0 1.280 0.150 0.104 0.104 0

j 642A215 - 9.0 1.550 0.110 0.106 0.101 5.0

33 65(112)-A111 - 5.9 1.125 0.165 0.105 0.106 .(l.9

7 63A010 - 9.0 1.030 0.130 0.108 0.105 2.9

63A210 - 1.030 0.120 0.108 0.103 4.9

64A21 0 - Ul60 0.120 0.108 0.105 2.9

64A410 - 1.062 0.126 0.106 0.100 8.0

641A212 - 1.280 0.160 0.107 0.100 7.0

I 642A215 - 1.550 0.170 0.106 0.095 11.6

1:1"

IAverege Error.-- • 2.4%
n

I

~c2
o

(per deg)

6-SERIES AIRFOILSh~i
-.0
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FIGURE 4.1.1.2-7 EFFECT OF NACA ROUGHNESS ON SECTION
LIFT-eURVE SLOPE
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4.1.1.3 SECTION LIFT VARIATION lnTH ANGLE OF 'ATT,ACK NElAR MAXIMUM LIFT

Flow-separation patterns, which determine the stull characteristics of airfoil sections, are due to the effects
of viscosity. These flow separation patterns can be classified into three types:

1. Separation near the trailing edge.
2. Separation of the short-bubble type near the leading edge.
3. S~paration of the longo-bubble type near the leading edge.

A complete discussion of these types of flow separation. 8S they affect airfoil St81l characteristics, is con
tained in reference 1. They are also discussed in Section 4.1.1.4 with respect to their effect on section maxi
mum lift. Some of the more pertinent factors affecting these stall types are discussed below.

Trailing-edge stall occurs on wings of thickness6 to-chord ratios of approximately 12 percent and greater. It
is 'characterized by a gradual separation t.tarting at the section trailing edge and progressing forward with
increasing angle of attack. When the separation has moved forward to about the seelion midchord, maximum
lift is reached. The stall for these sections is mild, with a gradual rounding of the lift and moment curves

near Cimex·

Leading-Edge Stall

As the thickness ratio of airfoils decreases, the nose share becomes progressively sharper. At some point
the increasingly severe adverse pressure gradients behind the nose pressure peale. cause the lift of the ai....
foil to be limited by separation starting at the airfoil nose.

Local leading-edge separation on the airfoil upper surface may occur at angles of attack well below those
for maximum lift. At these lower angles. the separated laminar boundary layer changes to turbulent and
reattaches to the airfoil, leaving a bubble of trapped lowaenergy air between LhC1l separated boundary layer
aDd the airfoil surface. The mechanism of the reattachment is discussed in references 2 and 3. Transition
of the boundary layer must precede reattachment, and for this reason the relative stability of the boundary
layer at separation is very important. If the boundaryalsyer Reynolds number based on the displacement
thickness is gftster than about 450, then transition and reattachment take plao:-:e in a very short distance,
giving rise to a ."short bubble". IE. on the othtr hand, the boundary.. layer Reynolds number is less than
450, transition and reattachment are considerably delayed, with 0. resulting "long bubble"'. The different
characteristics of these two bubbles and their effects on stall are discussed below .

. . . . Sho,,-Bubble Leadin"Edge Stall

The short hubble is characteristically one percent of the airfoil chord in length and decreases in size with
incfeuing angle of attack. Because of its small size, the bubble hu little effect on the section pressure
distribution until at some angle of attack the flow abruptly ceases to reattach. thereby separating the flow
over the entire upper surface of the airfoil. For this Birfoil tbe lift and pitching-moment curves are quite
linear right up to stall. The stall itself is violent, with large changes in lift and pitcbing moment.

Long-Babble L.adin"Edge Stall

Tbe long bubble, like tbe sbort bubble, consists of a laminar separation followed by a turbulent reattachment.
However, as the angle of attack increases, the size of the long bubble also increases until, at maximum lift.
the bubble covers the entire upper surface of the airfoil.

For the long-bubble type of separation, the maximum lift achieved is, in general, lower than that for either
the short.. bubble type or the trailing-edge type. The stall for the long bubble is mild, with gradual rounding
of the Jift and moment curves.
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Reynolda Number Effects

Since the type of bubble formed depeoda on the ReyDoida number of the boaodary layer at the point' of "para
atioD. it ia appareol that chao.a io free..tream Reynolds number can cauae the stall of an sirf,lil to change
from ODe type to another. If u.e Reynold. Dumber itt high coousb, boundaryala),cr nosition may take i-'Itt.ce
before the point where lamin. aeparation would occor, and no bubble will be formed at all. The tahlu and
charts pertaining 10 this aection are bued primarily on a Reynolda number of 9 *. 106. For other Reynolds
numbera, reference 4 may be oed. which coataiA. u aummary of the types of stall to be expected 8B tI

function of Reynolda number.

H4HDBOOII. METHOD

The abape of the aectioD lift curve juat below tha Slall angle of attack C8D be appro*.imated from 8 knowletige
of the angle of attack at which the lift curve begiu to deviate &011I the linear elope, tbe maximum lift, angle
of attack for maximum lilt. and r.be lift-curve .lope. The lift curve juat before the atall can then be constructed
with acceptable accuracy, u ilIutra.ted achematically in Section 4.1.1.

The parameter. c1 . a.Ct • aDd a. are diac.aed in Sectiona 4.1.1.4 and 4.1.1.1. The Bngle of attack
max max a

a.~' at whicb the lift curve deviate. from the lioe. is 18bulated for the NACA four-and fi"e-digit and 6-serie8
airfoils in table8 4.1.1...A and 4.1.1...B, re.pectively. The data, from reference 5, arc for smooth 8urface8,
9 x 106 Reynold. number. and low .,eeda.

REFEREHCES

I. MoCullou.b. O. B •• _d a.ult. D. E.: E •••pl•• of Tbr.e Repr••• llt.atlve Typ•• of AIr'oll~Sectl"n Sla1l at Low Sp,'-ed.
NACA TN SIlO•• IU' (U)

2. Cr.btree. L. F •• _d W.Nr• .1.1 Bo•• EIf.o'" 01 Plow s.P.r.tlolIII OD ThlD Wh••• With Un••ept Le.dID. Edaee. R.A.E.
Ot. Brit. TN ~.ro 240'. (U)

•• Crabu.e. L. 1'.1 II:lfeou of L••dl••-Ed•• Sep.r.tlOD. oD Tbtllll Wh••• In Two~Dlm.D.I(.IIIII.1 IDClOlllpre•• lble Flow. lAS

Prepr"t No••••• lilT.

t. Gault. D. E.I A Correl.tloD ot LowaSpeed. AtrtollooRaction Stall I•• Char.oterl.tlc. Wltb Reynolda Nu ... ber aod AI.fQll
Ceo.etry. J(ACA TN ..... lilt (U)

I. Abbott.. I. H •• Yon DOeDbon. A. E •• _4 8ther., L. S •• Jr.: Sum....ry of Airfoil D.t•• NACA TR 824. Utli. (V)
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4.1.1.4 SECTION MAXIMliM un

Subeonic section maximulD lift is sensitive to many parameters, including airfoil thicknees, locatioD of
maximum thickness. camber, poaition of maximum camber. Mach Dumber, Reynold. Dumber, free-etream
turbulence. and airfoil surface condition (roughne8s). These parameter. ioflueace 8eclioD maximum lift
by determining the type of flow separation that limita the lift. Broadly apeakiog, the separation patterns
may ~ classified into three types:

1. Traili08"cdge separation.
2. Leading-edge separation of the sbort·bubble type.
3. Leading-edge separation of the long-bubble type.

The distinctive features of each of these typcs of separation are discusscd in section 4.1.1.3.

For airfoils that stall 811 a reeult of flow separation from the leading edge (thin airfoil.), the Hctioa max
imum lift rmy be correlated with airfoil-Ieading'"'edge seometry. The leading'"'edge parameter that best cor
relates the section maximum lift is the ~y-par8meter, the difference between the upper~surface crdinatee
at the 6--percent-chord and O.I5--percent-chord 8tBtions, respectively. This parameter i. prescated as a
function of airfoil thickneas fOf' several standard airfoils in Section 2.2.1.

For tbicker symmetrical airfoils, i.e., those that stall as a result of separation from the trailio8 edge, a
relatively local leading~edge parameter is DO longer sufficient. The maximum lift of these sections ie cOt
related by using the p08ition of mlIIximum thickness in addition to the ~y"pararneter.

Reference 1 indicate.. that for thin airfoils there is a maximum lift increment due to camber when the pres
Bure distribution near the nose is identical to that of the corresponding uncambe red airfoil. The procedure
used in the Handbook is to add an increment of lift, accounting few the effect of camber, to the symmetrica'"
airfoil maximum lift. Empirically, the increment ia a function of maximum-thickDes. poeition .. well aa
position and magnitude of maximum camber.

Reynolds number and. free-atream turbulence are aualogous in their effecte 00 scctiOD maximum lift. For
tbin airfoils on increase in Reynolds number or turbulence causes boundary.laycr lnlDsitioo earlier, cbang
ing a long-bubble to a short-bubble separation. This increucs lift. Ho.poess, if it cauae. transition
early enough, baa the same effect. For thickcr airfoila rougbncas merely decreases the energy of the bound
ary layer, thus lowering maximum lift.

Macb Dumber effecta are very severe on thick airfoils. Maximum lift coefficient begiDS to drop, startiDg at
M"'O.2... ilIuetrat.d typically i. figure 4.1.1.4-8b.

For .uper.onic speeds, maximum lift can be calculated by the method of refereace 2, which makes thc
••aumptions tbat the uppe,...urface limit preasure is 70 perceDt of vacuum and the lowe,...urface pressure
is a functioa of thc total pressure behind a normal shock wave at the free-alream Milch number and the pro
jected area of the lower surface perpendicular to the free-stream directiOll. Sectioa maximum-lift values
obtained by this procedure appear to be alightly low.

HAHD/1()OIC METHOD

In this Section two-dimensional-airfoil maximum-lift information is presented in two forms: tahulated data
for specific NACA airfoils and generalized duign charts from which the maximum lift of nonstandard aif""
foila may be approximated. Actual test data should be used wbcaevcr possible. howover.
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Section data for maximum lilt and angle of attack fot maximum lift for the NACA four- and five-digit air
foils are presented in table .4.1.1-A for smooth.. leading-edse condition., a Reynolds number of 9 x 106 ,
and low speeds. Corresponding informstion for the NACA 6-series airfoils is presented in table 4.1.1-8.
Additional airfoils may be located in the literature with the aid of table 4.1.1-C.

The generalized design cbllll'te of this Section arc empirically derived from experimental data of references
3, 4, 5,8nd 6. The section maximum lift coefficient i. determined by the equatioo

Cl max • (clmax)baee+ 6. j
C l max + 6.3 Cimex

4. I. l.<l-a

where the various contributions are obtained as follows:

1. (cl ) b is obtained from figure 4.1.1.4-5 _ a function of 6.y md position of Illsximum
max ase

thickne8l!l. The ~y"parameter for a cambered airfoil i. the same a. that of the corresponding
uncambered airfoil, that ie, the uDcambered airfoil having the same thicknell8 distribution.
This reference value is for uncambered airfoils with smooth leading edgea, at 9 x 106 Reynolds
number and low apeed.

2. 61ct accounts for the effect of camber for airfoils having the maximum thickness at 30..
perce'::r~bord. Figure 4.1.1.4-6 gives 6tCl as a function of percent camber and maximum~
camber location. The percent camber and po.n:tfon of maximum camber for standard NACA air
foils are discussed in Section 2.2.1.

3. ~3Clm amounts to an increment by which 6,cl ' the • 'camber" term for airfoils having
their m-:.x..imum thickneu at 3()..percent chord, mU8ry~ modified for airfoils having their maximum
thickness at some other position. This increment is obtained from figure 4.1.1.4-7a. (If the
maximum thickncss is at 3()..percent chord, 6.3cL is zero).

max

4. ~l-cL , presented in figure 4.1.1.4--7b • gives the lift increment due to Reynolds number for
Reyn:reG numbers other tban 9 x 106.

5. 6 4cL ' shown in figure 4.1.1.4-8a , gives the lift increment due to roughness. The rough..
ness T:\his case ia the standard NACA roughJies8 and is represented by a.Oll-inch grit
applied over the first 8-percent chord. This curve is given only as an indication of roughnen
elfects. Actual airplane roughnesscs vary considerably and their elfects may be quite dilferent
from those shown in figure 4.1.1.4-8a.

6. 6..cl ia a correction for Mach numbers greater than approximately 0.2. No generalized charta
are p~~nled for Mach number elfects. The lift increment due to Mach number should be ob
tained from lest data of similar airfoils when available. Figure 4.1.1.4-8b shows representative
effects on particular airfoils.

Table 4.1.1.4.. A compares experimental data with resul18 obtained by the use of this method.
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Given:

66 ~~415 Airfoil section

R.6x106

M •. 10

Airfoil .urface lD .month
condition

S.ulPLE PROBLEM

Compute:

tic· IS-percent chord·

PoeitioD of maximum tbjckocee: 45-percent chord*

Position of maximum camber. So-petceot chord·

AIIDUOl of camber: 2.2~percent chord·

6y • 2.75 (from S.ctioo 2.2.1l

(clmaxh...·l.34 (from ligur. 4.1.1.4-5\

6 C
1 l.max •. 16 (from ligure 4.1.1.4-6)

'.08 (from ligur. 4.1.1.4-7.)

• -.02 (from lisur. 4.1.1.4-7b)

'0

'0

·See SeetioD 2.21 for airfoil ducription

Solution;

elmax -(Cl max)b.lle+ 6 J c lmax + 63clmax +6.clmax • .o.,cl max + 6."cl max

-1.56

C1mu • 1.60 from teet data of reference 4.
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TABLE '.1.1."-4

AIRFOIL SECTION' MAXIMUM LIFT

DATA SUMWARY AN'D SUBSTANTIATION'

.t Airfoil Po.lUo. C_b.r Po.Ulo" fi, lA .. 10" :(°1.....)_ t:.101 l1. cl t:.JOl••• ol..... 01..... P.ro••1

01.·..... ••• ...
of ••". b ... E~or1C ..le. T ••,

'hick"••• o..mber

(" chord) (" cbord) (" chord) " chord

000' .. • ~. III ••• I.U 1.11 1.12 •••
1410 •• L' •• ~.IO ••• "48 ... ..at 1.80 •••
~41a ao I.' •• 1.10 ••• ioU .01 -.~I 1."0 1."0 •
.... U •• ••• •• 1.0' ••• I.U ·n '.11 1.13 "I~ •••

·tIl16 •• ••• •• 1.10 ••• I.n ••• ·.0' I." l.lT ·4. ~

4121 •• ••• •• a.~4 ••• 1.41 ·.oa ·.06 I." loll -a.1

uoa •• ••• .. 1.10 ••• 1.0~ ... ·.0' I.U 1.11 - I.~

1101 ao ••• .. ~.aa ••• ioU ... ·.01 LTI I.Ta •

:UOI:l .. I.' .. ..01 ••• 1.6' ... LlT 1.11 ·6.1

UO~I ao I.' .. a.24 ••• 1.41 • 1.41 1.10 -'.0

'1012 .. '.T .. 1.01 ••• I.U ... • 1.12 1.14 ·1.1

lao 12 •• ••• .. '.0' ••• 1.61 ... • I.U 1.14 ·1.6

...00. .. • 2.00 28.0 1.20 ... 1.21 1.31 I .•

• lI·ao. .. I.' .. 2.00 21.0 1.20 .01 ... ... I.n 1.81 •••
"l·OI:l .. • '.11 ".0 I .... ... 1.41 1.41 •••
l'l-~llI .. ... .. 2.11 28.0 I .... ... ... ... I." 1.14 T.•

"1-4 " .. ••• .. 2." ••• I .... .n ... I.n I.n -2.'
....011 .. • .... ••• I .... I. ... 1.14 ....
..... 11 .. ••• .. .... ••• 1.41 ... ·.02 LIT I." ·1. a

1'.10' .. ... .. l.fO ••• 1.01 ... ... I.~' 1.10 I'.'
1t,-112 .. ... .. 2.n ••• 1.'0 ... ... I.U 1.10 •••

• .".0 It .. • I.TI ••• I.U I.U 1.10 ·t.O

It.-'ll .. I.' .. •. TI ••• I.tt ... ... 1.1t I.IS .1.,

'''1. 41 • •• 2.' .. I.n ••• l.tt .Of ... I." I.IT .1.'
..... 1. .. ••• .. ..TI ••• l.tt ... ... 1.11 I.U •••
...-011 •• • 2.'0 ••• J.U -.10 1.14 I.U ·0.1

...·UI .. 2.2 .. 1.'0 ••• 1.U ... ... ·.10 1.11 1.41 T.'

11-00' .. • 1.11 ••• 1.04 1.04 1.01 -1.0

''''01 .. '.1 .. 1.11 ••• 1.04 ... .20 I." 1.11 •••
...-Ot. .. • 1.10 ••• I." 1.11 1.14 •• T

....41. .. ••• .. .... ••• 1." ... ... I." I." •

A".r... Enor I. 0t.... . .!:l ....~
•
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4.1.2 SECTION PITCHING MOMENT
4.1.2.1 SECTION ZERO-LIFT PITCHING MOMENT

The zero-lift pitcbiog--momenl coeffidcnl is iaeluded for various NACA four· and five-digit and NACA
6-scrica airfoil sections iu tables 4.LI·A and 4.1.1-B. Theae data should be uaed wherever p08sible
iu preference to theoretical data ia stability and control calculations.

These lahlu are applicable to Mach Bumbers below the critical. Above the critical Mach number,
appreciable changes in zero-lift pitching moment may be prescnt because of compressibility effects.

Additional section data may be located in the literature with the aid of table 4.I.I-C.

The theoretical pitching-moment coefCicicnt8 of the varioua airfoil mean tiDeS at the design lift coef·
ficients lite proportional to the ecclioD dcaiga lift coefficient or mean-linc ordinate (camber) and may be
ecaled up or down as ebown in the sample probleme below or in table 4.1.1-0. Since the theoretical thin
airfoil aerodynamic center is at the quarter-chord point, the theoretical zero-lift pitching moment is iden
tical to the theoretical pitching moment about the querter-cbord point at the deeign lift coefficient, shown
;n table 4.1.1-0.

Sa",ple Problem.

Example I: Fitad the tbeoretical Cmo about the quarter-chord point (Ot' the 2415 a-idoil. Using the M
mean line as a base, (or which cm --O.157{table 4.1.1-0), the required pitching-moment
coefficient i. 0

."'0' -.157 x 2/6
• -.052

The experimental value (Ot' this section i. -.049 (table 4.1.1-A).

Example 2: Fiod the Cm about the quarter-chord point (or the NACA 65,-215, a '" 0.5 airfoil. The
deeiga lift c~ffi cient (Ot' thi. airfoil i. 0.2. Ueing the 6-eeries mean line (or a '" 0.5,
(Of' which cillo • -.139 (table 4.1.1-0), gives the desired pitching-moment coefficient:

• -.139 •.2
.-.028

4.1.2.1-1



4.1.2.2 SECTION PITCIUNG-MOMENT VARIATION WITH LIFT

A. SUBSONIC

The aerodynamic center of tbin airfoil sectioDs is theoretically located at the quarter-cbord point. Experi.
mentally, the aerodynamic-center location is a (unction of sectiOD thickness ratio and tr8iling~edge angle.
Experimental dlltft 8hould always be used in preference to the theory.

The 8UmmRry of experimental aerodynamic characteristics of various NACA Cour· and five.digit and 6-aeriea

airfoil sections given in tables 4. 1. I-A and 4.1.1-8 includes aerodynamic-center location.

Figure 4.1.2.2-3 presents the generalized aerodynamic center for the useful range of airfoil thickness ratioa

and trailing-edge angles. Trailing-edge angles, 8S defined on figure 4.1.2.2-3 are given for standard
NACA airfoils in Section 2.2.1. A comparison of experimental data with results hased on these charts i.
shown in table 4.1. 2.2·A.

8. SUPERSONIC

Section pitching.moment variation with lift at supersonic speeds is primarily a function of section thicheaa,
thickness distribution, and camber. For conditions where there is no flow separation, shock-expansion
theory gives results that are in good agreement with experimentaJdata.

At the higher angles of auack, especially for the thicker sections, flow separation takes place on the upper
rear portion of the airfoil. Under these circumstances the experimental center of pressure is farther forward

than that predicted by theory.

At very high nngles of auack, the shock detaches from the section leading edge. The center of pressure

then tends toward the So-percent-cbord point as t~e angle of attack increases toward 90 0

Figure4.1.2.2-4 gives the position of the center of pressure for three airfoil sections as 8 function of Mach
number, angle of attack, and thickness ratio. These results are calculated from shock-expansion theory
(reference 1) and are 8uictly applicable only when the flow is everywhere attached.

REFERENCE

I. H-.ndbook of Supeleonlc Al'Irodyn .... lc .... NAVQRD R ...pol't 14811, Vol I. S ... "t1on 8, IliI.5T. (U)
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TABLE 4.l.u-A

AIRFOIL-SECTION AERODYNAMIC-CENTER POSITION
DATA SUMMARY AND SUBSTANTIATION

f..~, ".... I •.c. bx~
Airfoil Section Tool Cak. (Cak.·Teotl

2421 %1.5 .241 = -JIM

2424 31.4 .231 .232 +.001

4415 19.6 .245 .245 0

4418 23.6 .w .242 0

4421 %1.5 .238 = -.001

442' 81.4 .289 .232 -.Im

~15 4.8 .2116 .268 +.ooz

63.018 5.7 .271 .271 0

63.-418 5.7 .272 .271 -.001

68..Q21 6.6 .278 .274 +.001

61.·221 6.6 .J69 .274 +JlO5

64AOIO 10.5 .2S8 .2S8 0

64,A215 15.8 .252 .252 0

64.A212 18.6 .252 .251 -.001

64-006 2.8 .258 .257 -.001

64-009 8.5 .260 .262 +.ooz

64,-012 4.6 .259 .265 +JlO5

64,-015 5.8 .268 J/67 -.001

64,-018 6.9 .268 .J69 +.001

M,·aU 8.1 .278 .272 -.001

65-006 2.9 .256 .256 0

65,-015 7.2 .259 .265 +.006

65.-021 10.1 .270 .J69 -.001

66-006 5.6 .258 .2S8 -JlO5

_15 9.8 .265 - -.008

66,-021 13.0 .275 .265 -.010

2302' 31.4 .231 .232 +.001

01106 7.9 .250 .249 -.001

1412 15.7 .250 .248 -.ooz

23012 15.7 .241 .248 +.Im

23018 23.6 .241 .w +.001

23021 %1.5 .234 .287 +.008

23024 31.S .223 .281 +.00II

Avrr.,e Error=Z !..u..e.t O.oos
n

4.1.2.:lr2
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4.1.3 WING LI FT

In the followin~ group of Sections. (4.1.3.1 through 4.1.3.4), methods are presented for calculating the lift and normal
force on wings al any angle cf attack /::lnd any iipeed. An accurate determina[ion of wing lift characteristics is important,
since many other calculations are based on the wing-alone properties, e.g., all wing·body lift estimates and wing and
wing-body Tol!ing·moment c~_!culnti(\ns.

For Ihis reason the approximati::ms that are made in calculating wing Eft in certain of the following Sections must he
clearly \Inder!'tood in terms of their effect {\n the sc~uracy of !he resu!t;nh numerical values.

a.

•..
..

a.

•
•

•

The aerodynamic forces acting on a wing ma~ be repn~sented by a :1ingle force vector. This vector is ccnvfontionally
resolved into two orthogonal components. The directions of the components are defined by the axis system selected.
The two axis systems used most often are iIIu~trated in the sketch below.

L F,
I

I
I

LIF1 AXIS SYSTEM "'ORMAL-FORCE AXIS SYSTEM

In the lift axis system, the force vector F is resolved into components perpendicular and parallel to the free stre~:Uh.

These components are called lift and drag, respectively. In the normal.force nis t.ystem, the force vector is resolved
into components perpendicular to and parallel to the wing chord, called the normal force and the chord force, respectively.

The equations relating the lift, drag, normal-force, and chord·force coefficients are

C:", = C... cos a + Co sin a

Cx '= -Cocosa+Cl,.sina

Cl,. = (",c08a+ C;-,;!ina

Co = ex sin :l --' ex cos 0:

4.1.3·.

4.1.3·b

4.1.3·c

4.1.3·d

If the resultant force vector is nearly normal to the wing surface, the ~hol{lwise force component can be neglected and

X;:::;O

CL ::::::: C~ cos a

CD ::::Cx sin a

4.I.3·e

4.1.3·1

The resultant force veclor is nearly normal to the wing surface for all Jow.aspect-ratio wings and for high.aspect-ratio
wings at angles of attack beyond the stall at subsonic speeds. It is also nearly normal to the wing ludace for allri'ings
at supersonic speeds. However, for high-aspect.ratio wings at angles of attack below the stall, the resultant force vector
is mMe nearl)' perpendicuher h> ,he free·siream direction than normal to the wing surface.

For purposes of continuity thr:Jut;h the cGmplete speed and angle.oC-attack envelope it is convenient to introduce a
pseudonormal force C~'. defined by the equation

4.1.3-1



C)Il'=~
cos a

4.1.3.g

As indicatf"d by the discussion above, this C,,' is essentially the true normal force for all situations except that of high.
aspect-ratio wings at angles of attack below the stall.

In the following Sections C;.! is used for C;Ii throughout. Sample problems in Section 4.1.3.3 show comparisons
bt"tween experimental Cs values and calculated Cs' values, and between experimental and calculated CL value!'> for
several configurations.

4.1.3-2
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4.1.3.1 WING ZERO·LlFT ANGLE OF ATTACK

The method presented in this section is restricted to subsonic speeds. In the transonic and supersonic speed
regimes it IS suggested that reference be made to experimental data.

A. SUBSONIC

The effect of planform geometry on the zero-lift angle of attack of untwisted, constant-section wings is
relatively small. Therefore, the method applied to such planforms is based on airfoil section properties.

For untwisted, constant-section wings the zero-lift arigle of attack, taken from reference I, is

(degrees) 4.1.3.I-a

where CI p OIi, and c1 are the section design lift coefficient, angle of attack for design lift coefficient, and
section lift-curve slope~ respectively. These data may be obtained from Section 4.1.1.

Equation 4.1.3.I-a is applicable to swept wings if the airfoils are defined parallel to the free stream.

If definition of the airfoil section parallel to the free stream is not available for a particular swept wing,
then 010 may be approximated by

where

(010 ).=0 = tan-
1

[tan (010 ).=0

A 1\=0

_I-J (degrees)
cos A 4.1.3.I-b

A is the sweepback of some constant-percent chord line.

is the zero·lift angle of attack of an untwisted, constant-section wing of zero-<legree
sweepback obtained by using equation 4.1.3.I-a. Values of C:fp OIp and ".taused in equation
4.1.3.I-a are based on the airfoil section in a plane normal to the particular constant-percent
chord line.

For wings with constant airfoil sections and linear twist, lifting-line theory may be used as in reference 2 to
obtain "'0 as a function of planforrn geometry. This method uses the equation

"'0 = (OIO)••Q + (7) 8 (degrees) 4.1.3.I-c

4.1.3.1-1



where

((1/_ )
"""1J 8-0

8

is the zero-lift angle of attack of the untwisted; constant-section wing, given by equation
4.1.3.I-a.

is the change in wing zero-lift angle of attack due to a unit change in linear wing twist. This
parameter is obtained from figure 4.1.3.1-14.

is the twist of the wing tip with respect to the root section, in degrees (negative for washout).
A linear spanwise twist distribution is assumed (all constant-percent points of the local
chords lie in straight lines along the span).

Tesl data have indicated that if the airfoil is cambered the zero-lift angle of attack varies with Mach
number, particularly above the critical Mach number. A Mach number correction to be applied to cambered
airfoils is presented as figure 4.1.3.HS. This chart gives the ratio of the zero-lift angle of attack at any
subsonic Mach number to the corresponding value at M =0.3. This chart is based on the data of references
3,4, and 5 and is to be considered as a first-<>rder approximation only.

Unfortunately, there are not enough data to substantiate the theoretical results as applied to either
untwisted or twisted wings. Consequently, experimental data should be used whenever possible.

SImple Problem

Given: An untwisted, constant-section wing.

A = 6.0 A = 0.50 8 = 0

NACA 23012 airfoil (streamwise)

Low speed; fl = 1.0

Y90
- = 1.455

2

R1 = I x I ()6 (based on MAC)

Y 99
-= 0.265

2

Compute:

Cl j = 1.65
0 l

(table 4.1.1-0)

'\ = 0.30

Determine c1 (Section 4.1.1.2)
ex

I .
tan '2 "'TE

4.1.3.1-2

Y90 Y99

2 2
= =9

1.455 - 0.265

9
= 0.132



0.760 (figure 4.I.I.2-Ba)

(el
a

) = 6.89 per rad (figure 4.1.1.2-8b)
theory

1.05

Il
(equation 4.1.1.2-a)

1.05

1.0
[0.760] (6.89) = 5.50 per rad

= 0.09f per deg

Solution:

1.65 -

(equation 4.1.3.1-a)

0.30

0.096

= 1.48 deg

REFERENCES

1. Abbott, l. H., von Doenhott. A. E., and Stivers, L. S.• Jr.: Summary of Airfoil Oeu. NACA TR 824, 1946. (U)

2. DeYoung, J., and Harper, C. oN.: Theoretical Symmetric Span La.dil'lg at Subsonic Speeds tor Wings Having Arbitrary Plan Form. NACA
TR 921,1948. (UI

3. Graham, D. J.: The Development of ca~ed Airfoil Sections Having Favorable Lift Characterlllics at Supercntical Mach Numbers.
NACA TA 947, 1949.IU)

4. Stack, J., and von Doeohotf, A. E.; TestS of 16 Related Airfoils.t HighS~. NACA TR 492, 1934. lUI

5. Johnson, 8. H., Jr., and Shibata, H. H.: Characteristics ThroughCut the S~nlc spem Range of • Ptan. Wing and of 8 Cambered and
Twisted Wing, Both Having 45° of SweepbBCk. NACA RM A61D27. 1961. (U)
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4.1.3.2 WING LIFT·CURVE SLOPE

The lift on a wing at angle of attack results from the distributed pressures over the surface of the
wing. At subsonic speeds, most of the lift on a wing is derived from a region of low pressure on the
upper surface near the leading edge. The magnitude and distribution of this pressure field is such
that its integrated value over the wing surface results in a force vector that is very nearly
perpendicular to the free-stream direction. This is the well-known lift-force vector. The rate of
change of this vector with angle of attack is the lift-curve slope dCL Ida., usually written as CL o'

At supersonic speeds the pressure distribution over the wing is quite different. The pressure
integration results in a force vector that is more nearly perpendicular to the wing-chord plane rather
than to the free-stream direction. This is called the normal force and its variation with angle of
attack in coefficient form is dCN/cta., or CNo '

For small angles of attack, CLo is interchangeable with CN o' At higher angles of attack the
distinction is important.

For finite, three-dimensional wings, the free-stream direction with reference to the wing local-airfoil
sections is determined by the free-stream angle of attack decreased by the local induced angle of
attack. The lift vector is tilted back by an angle equal to the local induced angle. This force vector
can be resolved into two components - one perpendicular to and one parallel to the free-stream
direction.

For high-aspect-ratio wings there is a certain justification in using CLo as CN 0 below stall angles,
since the induced angle is small. For angles of attack beyond the stall, the total-force vector is
essentially normal to the wing chord. For very low-aspeet-ratio wings at high angles of attack. the
induced effects are large and the local-force vector is tilted back through a large angle.

A. SUBSONIC

Theories for calculating the subsonic lift on three-dimensional wings fall into two general classes.
lifting-surface theories and lifting-line theories. Lifting-sarface theories, such as those of
References I and 2, give highly accurate results for both wing lift and pitching moment. Since they
are rather difficult to apply, however, they are usually reserved for detailed analyses of specific
wings, particularly low-aspect-ratio wings, where the induced-camber and induced-angle-of-attack
effects are important.

Lifting-line theories are widely used for calculating the lift-curve slopes of high-aspect-ratio wings,
where chord-loading effects are less important. Certain modified lifting-line theories (References 3
and 4) give lift-curve slopes (but not pitching moments) that are quite accurate, even for very low
aspect ratios. The explanation [01 this unexpected accuracy is given in Reference 5.

At subsonic speeds methods are presented for determining the lift-curve slope of the following two
classes of wing planforms:

Straight-Tapered Wings (conventional, fixed trapezoidal wings)

4.1.3.2-)



Non-Straight-Tapered Wings

Double-delta wings (composite wings with A "" 3 or less)
Cranked wings (composite wings with A"" 3 or greater)
Curved (Gothic and agee) wings

These three general categories of non-straight-tapered wings are illustrated in Sketch (a), and their
wing-geometry parameters are presented in Section 2.2.2.

Ogee Gothic

Double delta Cranked

SKETCH (a)

Curved

Two separate methods are presented for straight-tapered wings. Method I, taken from Reference 3,
is applicable to the majority of configurations. In this method, the wing taper ratio has been
eliminated as a parameter by the use of the midchord sweep angle rather than the conventional
quarter-chord or leading-edge sweep angle. This permits a considerable simplification in the
presentation of wing-lift-curve-slope information. Because of this simplification, the method of
Reference 3 has been chosen for presentation in this section for estimating the lift-<;urve slope of
straight-tapered wings. It gives results that agree with slender-wing theory (Reference 6) at very low
aspect ratios and with two-dimensional sectioh data at infinite aspect ratios.

Method 2, taken from Reference 7, is applicable only at M = 0.2 for highly swept, constant
section, low-aspect-ratio, delta or c1ipped-delta configurations with large thickness ratios; i.e.,
0.10< tic < 0.30. The uniq ue feature of this method is its consideration of the vortex-induced lift.
In con~rast to the conventional constant lift-curve slope, this method allows for one or two breaks
in the lift-curve slope to account more accurately for the vortex-induced lift contribution.

The Iift-curve slopes of non-straight-tapered wings are treated in Reference 8. The planforms
investigated include double delta, cranked, and curved (Gothic and ogee): Methods for predicting
the lift-curve slope near zero lift for these planforms are based on the work of Spencer in
Reference 9. This work consists of an extension of the results presented for conventional wings in
Reference 3 to include wings having variation in sweep along the span. Since lift curves of
double-delta and curved wings are considered nonlinear throughout the lift range, the lift-curve
slope near Zero lift is of little significance by itself. On the other hand, experimental results show

4.1.3.2-2



that the lift curves for cranked wings (defined as composite wings with aspect ratios approximately
three or greater) exhibit a linear range up to approximately eight degrees angle of attack.
Consequently, the method of Reference 9, as modified by an empirical correlation factor, is used
for the prediction of CL 0 for cranked wings with round-nosed airfoils.

DATCOM METHODS

Straight-Tapered Wings

Method I

The three-dimensional lift-curve slope of conventional wings is presented in Figure 4.1.3.2-49 as a
function of wing aspect ratio, midchord sweep angle, Mach number, and section (defined parallel to
the free stream) lift-curve slope. The factor K of Figure 4.1.3.2 -49 is the ratio of the
two-dimensional lift-curve slope (per radian) at the appropriate Mach number to 2tr/{3; i.e., (c, ) /
(2tr/{3). Section lift-curve slope (per degree) is obtained from Section 4.1.1.2. 0 M

A sweep-conversion formula is given in Section 2.2.2, from which the midchord sweep for any
straight-tapered wing may be determined.

Application of the method is illustrated in the sample problem following the non-straight-tapered
wing methods of this paragraph, and in the sample problems following the straight-tapered-wing
methods for transonic speeds in Paragraph B.

Method 2

This semiempirical method is taken from Reference 7, ignoring the small wing-planform nose-radius
effects. The semiempirical method was developed by using the test results of Reference 7,
correlated with the theoretical predictions based on Iifting-surface theory. Because of its
semiempirical nature, the method should be restricted to M = 0.2 conditions for highly swept,
constant-section, low-aspect-ratio, delta or clipped-delta configurations with the following geomet
ric characteristics:

0.58'" A '" 2.55

0.10';; tIc';; 0.30

ArE = 0

The determination of the breaks in the lift-curve slope (CL \I and CLIlI in Sketch (b)), is contingent
upon the availability of section upper-surface pressure data for the particular airfoil section being
considered. In the method formulation of Reference 7, the pressure data were derived by means of
a computer-program solution for the potential flow equations for twcrdimensional incompressible
flow, by the method of conformal transformation according to Imai (Reference 10). However, test
data from Reference II or any other source of valid experimental data will satisfy the requirement.

4.1.3.2-3
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SKETCH (b)

For round-nosed-planform configurations, the reader is referred to Reference 7, where three
different planforrn nose-radius models were tested. Although a procedure was developed to account
for the incremental nose-radius effects, it requires a computer-program lifting-surface theory as a
basis.

The lift-curve slope for a low-aspect-ratio, delta or clipped-delta wing may be approximated by the
following procedure:

Step I. Determine the low-lift-region lift-curve slope uncorrected for thickness effects by

Ic ) - 8 tan-!
\' L~ theory -

where

"A
16 + "A/(l + 2), tan ALE)

4. I.3.2-a

4.1.3.2-4

A is the wing aspect ratio.

), is the wing taper ratio.

ALE is the wing leading-edge sweep.



Step 2. Determine the low-lift-region lift-curve slope, based on the wing planform area, by
correcting the theoretical value in Step I for thickness effects.

4.1.3.2-b

where

(C L )0: theory

is from Step I above.

is from Figure 4.1.3.2-50a as a function of aspect ratIo, taper
ratio, and thickness ratio.

Step 3.

Step 4.

Step 5.

Step 6.

Plot the maximum negative upper-surface section pressure coefficient Cpu and its
corresponding secllon lift coefficient c, on Figure 4.1.3.2-50b for three or four
dIfferent section lift coefficients. These pressure data are supplied by the user and
may be theoretical or taken from a source of experimental data such as
Reference II. When a sufficient number of points have been plotted, fair a smooth
line through the pomts. Now determIne where the faired line intersects the value of

(
CL ) as determined above in Step I. The point of intersection determines

cr theory

the value of CL , read on the abscissa scale of the figure. The value for CL is the
II II

lift coefficient where the vortex lift component necessitates the first change in the
lift-curve slope (see Sketch (b». The point of intersection also defines the maximum
negallve upper-surface secllon pressure coefficient Cpu used in the next step.

Plot the maximum negative upper-surface section pressure coefficient Cpu versus its
corresponding nondimensional chordwise location x/c. (These pressure data are
supplied by the user as above in Step 3.) Read the chordwise location x/c
corresponding to the value of Cpu determined in Step 3.

Determine the value of CLIlI from Figure 4.1.3.2-51 as a function of taper ratio,
sweep. thickness ratio, and the chordwise location of CPu' The value for CL III is the
lift coefficient where the vortex lift component necessitates a second change in the
lift-curve slope (see Sketch (b».

Determine the value of (C L ) .. from the following:
cr, limit

(c) ~ 0.0467 (sin he>' /4 (per deg)
L. limit

where

he is the complement of the leading-edge sweep angle h L E; i.e., h,

4.1.3.2-(
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Step 7. Determine the incremental increase in lift-curve slope 6CLall starting at CLII
according to the following criteria:

If Then

(cLa) limit (CL ) .;. 0.0067; 6CLall = 0.0067 per deg
Q basIc

(CLa) limit - (CL ) . <0.0067; 6CLall = (CL a) limit - (CL )Ql basIc Ql basic

(CLa) limit ~ (CLQ;) basic; 6CLall = 0

Step 8. Determine the totallift-<:Urve slope in the region between CLII and CLIIt using

where

(CL ) is from Step 2.
a basic

(6CL a) II is from Step 7.

4.1.3.2-d

Step 9. Determine the incremental increase in lift-curve slope 6CLaItt starting at CL Itt
according to the following criteria:

If Then

(CLa) limit - (CLa)basic ;;;'0.012; (6CL a) Itt = 0.012 per deg

(cLa) limit - (CL) . <0.012; (6CLa) Itt = (CLa) limit - (CL Gl )baaiCCIl baSiC

(CLa) limit ,,(C) . (6CL a) Itt = 0Lo: basic'

Step 10. Determine the totallift-<:Urve slope in the region beyond CL Itt using

where

(CL ) . is from Step 2.
a bUIC

(6CL ) is from Step 9.
ell III

4.1.3.2-6
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The entire lift-curve slope may now be constructed as shown in Sketch (b). (Note that the wing
zero-lift angle of attack "'0 is determined by using Section 4.1.3.1.)

No substantiation of this method is possible because of the lack of low-aspect-ratio test data having
wing thickness ratios of 0.10 " tIc" 0.30. Application of this method is illustrated in the sample
problem on Page 4.1.3.2-8.

Non-Straight-Tapered Wings

Double-Delta Wings

Although the lift-curve slope near zero lift of double-delta wings is of little significance by itself,
this CL~ is used in the correlation of nonlinear lift of double-delta wings at subsonic speeds in
Section 4.1.3.3.

This method, taken from Reference 9, consists of an extension of the method of Reference 3 by use
of an effective value of cos A'/2' which is defined as the area-weighted average of the local value of
cos Ac/ 2 •

The subsonic lift-curve slope of double-delta wings is obtained from the procedure outlined in the
following steps:

Step I. Divide the wing into n sections, each sectIOn being assumed to have constant sweep
angles within its boundary. (See Section 2.2.2 for wing-geometry parameters.)

Step 2. Using the wing geometry determined in Step I, obtain (cos Ac/2 jeff by

where

(COS Ac/.)err
=

j=n

L: (cos Ac/2)j Sj
j=l

4.1.3.2-f

is the total wing area.

denotes one section of n sections having constan t sweep angles
within its boundary.

is the total area of one section of n sections.

is the cosine of the sweep angle of the half-chord line of one
section of n section.

Step 3. Obtain the lift-curve slope by application of the method used to determine CL~ of
straight-tapered wings, but with (Ac/2 jeff used in place of Ac/ 2 in the design chart
(Figure 4.1.3.2-49).

Application of this technique is illustrated in the sample problem on Page 4.1.3.2-10.

4.1.3.2-7



Cranked Wings

The subsonic lift-curve slope of cranked wings with round-nosed airfoils is obtlined by applying an
empirical correlation to the method of Reference 9.

The equation for CL a of cranked wings, taken from Reference 8, is

4.1.3.2-g

where

(CLJt,st
(CL.)p'ed

is the lift-curve slope of the cranked wing, predicted by the method outlined
above for the double-delta planform.

is the empirical correlation factor of subsonic lift-curve slope for cranked
wings. It is presented as a function of wing aspect ratio and Mach number in
Figure 4.1.3.2-52. (All cranked wings analyzed in Reference 8 had round
leading edges, and the use of Figure 4.1.3.2-52 is restricted accordingly.)

A comparison of test data for 12 configurations with CL•. of cranked wings having round-nosed
airfoils calculated by this method is pr~sented as Table 4.1.3.2-A (taken from Reference 8). The test
data are for four wing-alone and eight wing-body configurations. Three of the wing-alone
configurations have two breaks in the leading edge. Although no attempt has been made to define
the effects of wing thickness ratio, poor accuracy generally results for tic > 0.09. It should also be
noted that the calculated accuracy deteriorates as Mach number exceeds 0.80. No configuration had
a body-diameter-to-wing-span ratio greater than 0.147 and, consequently, the wing-body interfer
ence is considered to be negligible. It is suggested that this method be restricted to values of
M";; 0.80 and t/c";; 0.10.

It is suggested that the subsonic lift-curve slope of cranked wings with sharp-nosed airfoils be
obtained by direct application of the method outlined for double-delta planforrns.

Curved Wings

No method is presented for estimating the subsonic lift-curve slope of curved wings because of their
nonlinear lift characteristics.

Sample Problllms

I. Method 2

Given: The following straight-tapered, constant-section, low-aspect-ratio, clipped-delta configura
tion.

A = 0.823

M = 0.2

4.1.3.2-8

A = 0.18 NACA 2412 airfoil



Compute:

(C) - 8 tan-I
L o ,heolY -

"A
16 + "A/(l + 2), tan ALE)

(Equation 4.1.3.2-a)

0.8231J
= 8 tan- 1

16 + 0.323 "/[ 1+ 2(0.18)(3.376»)

= 1.195 per rad = 0.0209 per deg

I

3+A (
1_).)2=
1+2),

__1__ [ 1- 0.18 ]2 =

3 + 0.823 1 + 2(0.18)
0.0951

0.98 (Figure 4.1.3.2-503)

(Equation 4.1.3.2-b)

= (0.0209)10.98)

;;;:; 0.0205 per deg (valid for CL < CL II)

The following pressure data for a NACA 24P airfoil are (Reference 11):

c, Cpu xlc

0 -0.37 0.30
0.253 -0.56 0.19
0.5 -0.95 0.05

The above data are now plotted on Figure 4.1.3.2-50b. From Figure 4.1.3.2-50b we now
obtain a value of 0.222 forC LIl at a value of -0.53 for Cpu'

Plot CPu versus xlc

•

I
I
J i

.1 .2 .3
x/c

-.25

-1.0

From the above plot xlc = 0.204 for CPu = -0.53.
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x/c 0.204
(l + A)(I - x/c) tan A

L
E = (1 + 0.18)(1 - 0.204)(3.376) = 0.0643

CLm = 0.467 (Figure 4.1.3.2-51)

Ac = 900
- ALE = 900 - 73.5 0 = 16.50

(CL~)limit = 0.0467 (sin Ayl4 (Equation 4.1.3.2-e)

= 0.0467 (sin 16.50 )1/ 4

= 0.0342 per deg

(CL~) lim it - (CL~)basic = 0.0342 --{).0205 = 0.0137

Since 0.0137> 0.0067, (5CL~) II = 0.0067 (Step 7)

(CL~)II = (CL~ )basic + (5CL~) II (Equation 4.1.3.2-<1)

= 0.0205 + 0.0067

= 0.0272 per deg (valid for 0.222 OS;; CL .s;; 0.467)

SinceO.0137>0.012,5CL~I1I = 0.012perdeg (Step 9)

(CL~)I1I = (CL~)basic + (5CL~)I1I (Equation 4.1.3.2-e)

= 0.0205 + 0.012

= 0.0325 per deg (valid for CL > 0.467)

Solution:

The entire lift curve can now be constructed assuming the wing zero-lift angle of attack ao has
been determined using Section 4.1.3.1.

2. Non-Straight-Tapered Wings

Given: The cranked-wing planform of Reference 29. (See Section 2.2.2 for wing-planform
geometry.)

= 18.0 in.

= 0.517

= 0.609 sq ft

= 4.15 in.

AoAi = 0.58

AI..Et 48.60

Sw = 2.25 sq ft bw/2

Si = 1.641 sq ft So

AW = 4.0

IlB = 0.6

Cry; = 13.85 in. cB = 8.03 in. CtW

r
Cry;

L

4.1.3.2-10 NACA 65AOO6 airfoil M = 0.80; (j = 0.60



Compute:

: 0.820

: s~ [(COS II.c/2)i Si + (cos II.c/2)0 SoI
(Equation 4.1.3.2-f)

j: n

: s~ L (cos II.c/2)j Sj
j: 1

= _1_ [(0.756) (1.641) + (0.991) (0.609)I
2.25

c~ : 6.00 per rad (Section 4. I.1)
a

:

{J

6.00
: -- : 10.0 per rad

0.6

K : : 10.0 (0.6) : 0.955
211

: 1.00 per rad (Figure 4.1.3.2-49)

= 4.00 per rad

(JA= (0.6) (4.0) : 2.40

Solution:

C - (C )La - La pred

(CLa)test

(CLa)pred
(Equation 4.1.3.2-g)

: (4.00) (1.081)

= 4.324 per rad

= 0.0755 per deg

This compares with a tf.;t value of 0.075 per degree from Reference 29.
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B. TRANSONIC

The transonic characteristics of wings are very difficult to predict. The curren! status of the
problem is summarized in Reference 12. It is pointed out in this reference that although transonic
theory gives results of surprisingly good accuracy in many cases, the mathematical difficulties in
solving nonlinear partial differential equations of the mixed elliptic-hyperbolic type have limited its
application to a few simple configurations.

On the other hand, wind-tunnel tests cover a wide variety of configurations but are of questionable
accuracy because of wall-interference effects. These interference effects are both difficult to
determine analytically and difficult to eliminate. Simply testing smaller models is not always
sufficient, even in slotted-wall tunnels (Reference 12).

In spite of the uncertainties in test data, the straight-tapered-wing design charts of this section are
based largely on experimental data from wind-tunnel tests. This is done because of certain
important flow-separation effects not accounted for by theory and because of the limited scope of
existing solutions for transonic theory. The limited experimental data for non-straight-tapered wings
preclude development of design methods for those planforms at transonic speeds. However, a chart
is presented that indicates the trend of transonic data for double-delta wings and for cranked wings
with an aspect ratio of approximately three.

Thick, unswept, straight-tapered wings show increases in lift-wrve slope with Mach number up to
Mach numbers slightly beyond the critical. The slope then drops abruptly to a low value followed
by a rise near Mach=I.O to a value almost as high as the value at the critical Mach number (see
Sketch (c), for type "A" wings). This behavior for two-dimensional sections is illustrated in
References 13, 14, and IS. Reducing either the aspect ratio or the wing-thickness ratio or both
reduces the magnitude of these effects. For very thin wings and for wings of very low aspect ratio
these transonic nonlinearities do not exist (see Sketch (c) for type "B" wings). Increasing the sweep
angle raises the wing critical Mach number. However, the increase is never as large as that predicted
by simple sweep theory. Reference 16 shows that three-dimensional effects in the regions of the
wing root and tip prevent the full benefits of sweep from being realized.

The transonic nonlinearities in lift-curve slope are related to the appearance of local shocks located
asymmetrically on the upper and lower surfaces of the wing. Prediction of the exact shock-wave
location is somewhat involved, since there is an interaction between the shocks on the upper and
lower surfaces (Reference 17). Camber, thickness ratio, and thickness distribution all have
pronounced effects on section transonic lift characteristics. Proper combination of the above
geometric parameters can prevent transonic lift losses even for quite thick sections (Reference 18).
Wings that do have large transonic lift losses at zero angle of attack show marked recovery at higher
angles of attack (Reference 19).

DATCOM METHODS

Straight-Tapered Wings

The procedure for constructing the transonic lift-eurve slope of conventional planforrns is outlined
in the following steps. In following this procedure, reference should be made to the schematic
sketch below. The method is based on data for the untwisted and uncambered wings of
References 19 and 47 through 51. These data are compared in Table 4.1.3.2-B with the values
calculated from the charts.
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The charts are limited to wings having symmetrical airfoils of conventional thickness distribution
and are for zerO angle of attack only.

M

a

.6

MACH NUMBER

TYPE "A" WINGS

1.4 .6

MACH NUMBER

TYPE "B" WINGS

1.4

SKETCH (c)

Step I. Calculate the force-break Mach number Mfb . lhis is obtained from Figure
4.1.3.2-53a for zero wing sweep. A correction for sweep effects is provided by
Figure 4.1.3.2-53b.

Step 2.

Step 3.

Step 4.

Compute the theoretical lift-curve slope at the force-break Mach number by the
method of paragraph A.

The actual lift-curve slope at the force-break Mach number is found by means of the
ratio (CL ) I(C L ) obtained from Figure 4.1.3.2-54a.

Q fb Q theory

The abrupt decrease in lift-curve slope above the force-break Mach number is
described by the ratio alc (see Sketch (c». This ratio is given in Figure 4.1.3.2-54b.
The Mach number M. at which the lift-curve slope reaches its minimum value is

M. = Mfb + 0.07

The lilt-curve slope at M is•

(CL ) = (I _.... \(CL )
Qa CI afb

For wings that do not exhibit large transonic lilt losses (Sketch (c)), the lift-curve
slope at M. may still be obtained lrom the ratio alc as !\lven in Figure 4.1.3 .2-54b.
In all cases, c is the lift-eurve slope at the lorce-bre.k Mach number as obtained in
Step 3.

Step 5. The subsequent rise in Cl. a (Sketch (b» is given by the ratio blc as presented in
Figure 4.1.3.2-54c. The Mach number at this point is
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The Iift-curve slope is

An identical procedure is used for wings of type "B."

Step 6. The lift-eurve slope at M = 0.6 is calculated by the straight-tapered-wing method of
Paragraph A of this section.

Step 7. The lift-curve slope at M = 1.4 is calculated by the straight-tapered-wing method of
Paragraph C of this section.

Step 8. The complete transonic lift-curve slope between Mach numbers 0.6 and 1.4 can now
be constructed by fairing a curve through the points obtained by means of Steps I
through 7.

Non-Straight-Tapered Wings

During the course of the program reported in Reference 8 an empirical correlation of the lift-curve
slope of double-delta and cranked wings at M = 1.0 was achieved. This correlation is presented
herein as Figure 4.1.3.2-55. It is suggested that it be used as J guide for fairing between subsonic
and supersonic values ofCLa of composite wings with an aspect ratio of three or less.

The configurations used in the correlation vary in aspect ratio from 1.33 to 3.0. The inboard-panel
sweepback is 780 for the lower correlation points and 600 for the upper correlation points.
Spanwise positions of the leading-edge break TlB vary from approximately 0.30 to 0.70.

Semple Problems

J. Straight-Tapered Wing of Type "A."

Given: Wing tested in Reference 48.

A = 4.0

Compute:

). = 1.0 ALE = 0 NACA 63AOIO airfoil

Mfb = 0.842 (Figure 4.1.3.2-53a)

c£ = 6.02 per rad (Section 4.1.1)
III

ci =
"'M Il

ci (ci",/Ill ci
"'M '"K = = = = 0.958

(2"'/1l) (211/1l) 211
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~I{32fb + tan2 A
C
/2]Yz = 4.0 (0.29I)Y' = 2.25

K 0.958

(
c \

L",)theory
e-",:,::,,=.::..::..e.. = 1.25 per rad (Figure 4.1.3.2-49)

A

(CL ) = 5.0 per rad
'" theory

(CL"')fb

(CL",)theory
= 0.96 (Figure 4.1.3.2-54a)

(CL ) = 4.80 per rad
\ '" fb

a

C
= 0.35 (Figure 4.1.3.2-54b)

b

c
= 0.15 (Figure 4.1.3. 2-54c)

Mb = Mfb + 0.14 = 0.982

AI 2 2 jYz 4.0 ",-:: (3 + tan Ac/ 2 = -- (0.64)" = 3 34
~ 0.958·

(CL",)M=0.6

(CL",)M=1.40

= 1.065 per rad (Figure 4.1.3.2-49)

= 4.26 per rad

(paragraph C)

1/({3A) = 0.255
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I3CN = 3.50 per rad (Figure 4.1.3.2-56g)
ex

(CN l. = 3.57 per rad
ex/M=1.4

Solution:

The complete lift-curve slope as a function of Mach number may now be constructed as shown
in the foDowing diagram.

5

4

CL 3ex
(per rad)

2

I

0

-~~.y
t:'I""\Lt ..,..

+ Experimental Data
• , ,

.' '
0 Calculated Points

I I I
• . •

.6,

2. Straight-Tapered Wing of Type "B"

Given: Wing tested in Reference 47.

.8 1.0 1.2

MACH NUMBER

1.4

A = 2.67 X = 0.2

Compute:

ALE = 450 NACA 63AOO4 airfoil

(Mfb)A=O = 1.00 (Figure 4.1.3. 2-53:i)

Ac/2 = 26.60

(Mfb)A = 1.00 (Figure 4.1.3.2-53b)

(CL ) at (Mfb)A
ex theory

c~ = 6.47 per rad (Section 4.1.1.2)
ex

=
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" ;;;; ;;;;

(2.,,/1J)

e2
Q

= -- = 1.03
2."

= 1.435 per rad (Figure 4.1.3.2-49)

AI 2 2 lV, 2.67 y:-;; (/lfb)A + tan Ae/2 = 1.03 (0.251) 2 = 1.30

(CLO:\heOry

A

(
CL ) = 3.83 per rad

0: theory

(CLO:)fb

(CLa)theory
= 1.085 (Figure 4.1.3.2-54a)

a

e
= 0.005 (Figure 4.1.3.2-54b)

Ma = Mfb + 0.07 = 1.07

b

e
= 0.075 (Figure 4.1.3.2-54c)

(CL ) (Paragraph A)
0: M=0.6

'C )\ L", M=0.6

A
= 1.22 per rad (Figure 4.1.3.2-49)

= 3.26 per rad
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= 0.795 (Figure 4.1.3.2-60)

(CL ) (Paragraph C)
ex M=1.4

{3/tan ALE = 0.98; A tan ALE = 2.67

tan ALE (CN ) = 3.55 per rad (Figure 4.1.3.2-56b)
ex theory

( CN ) = 3.55 per rad
ex theory

Ll.y = 0.88 (Figure 2.2.1-8)

Ll.y
Ll.y, = = 1.245

... cos ALE

(CNex)theOry

(CN ) = 2.82 per rad
ex M=1.4

Solution:

The complete lift-curve slope as a function of Mach number may now be constructed as shown
in the following diagram.

5

CLex
(per rad)

4

3

2

o

L-'.'
--~~+ 'II'

.. ~""-...,..... ...........
"(.

+ E~perm:ental ,Data

'. I Io Calculated Points
I I I

• • •
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C. SUPERSONIC

Methods are presented for determining the wing nonnal-force-eurve slope of the following two
classes of wing planfonns:

Straight-Tapered Wings (conventional, fixed trapezoidal wings)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings
Curved (Gothic and ogee) wings

These three general categories of non-straight-tapered wings are illustrated in Sketch (a)
(paragraph A). Their wing-geometry parameters are presented in Section 2.2.2.

At supersonic speeds, the nonnal-force-eurve slope CN a of conventional, double-delta, and cranked
wings is adequately predicted by theoretical calculations except where the effects of thickness
become important.

The design charts pertaining to these wing planfonns are based on the following references:

Reference 20 - in the region of supersonic leading and trailing edges

Reference 21 - in the region of subsonic leading edges and supersonic trailing edges

Reference 22 - in the regions of tip-root interaction and tip-tip interaction

Reference 23 - in the region of subsonic leading and trailing edges

Reference 6 - for values of Aft ... 1/4 and 0'" 1,0 where 0 = 1/4[A(I +}.) tan ALE]

References 24 antI 25 _. for values of A{3'" 1/4 and 0 ~ 1.0

In addition, an empirically determined "lift-interference factor" from Reference 8 is applied to
correlate the results for double-delta and cranked wings. The theoretical results are based on linear
theory with the exception of the region where Aft'" 1/4, which is based on slender-wing theory.
Thin airfoils have been assumed in these theories. Thickness effects are not important except for
conditions where the Mach lines lie on or near the wing leading edge. Under these conditions the
wing-leading-edge shock position is displaced forward from its theoretical position by the finite
thickness effects of the leading edge. This displacement results in substantial losses in
normal-force-curve slope.

For straight-tapered wings with sharp leading edges, the airfoil nose semiwedge angle (measured
perpendicular to the wing leading edge) determines the shock position relative to the wing and
hence the normal-foree-curve slope. Experimental data indicate that the parameter corresponding to
the nose semiwedge angle of the supersonic airfoil is /iy/cos ALE' where /iy is the difference
between the upper-surface ordinates expressed in percent chord at the 6-percent- and O. I 5-percent
chord stations (Figure 2.2.1-8). This is the Same /iy discussed in Section 4.1.3.4 with regard to
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airfoil maximwn lift. It can be shown that for double-wedge and biconvex airfoils there is a linear
relationship between !J.y and the leading-edge semiwedge angle, given by

!J.y1 = 5.85 tan 61

where

and 61 is the semiwedge angle normal to the leading edge. Either 61 or !J.Y1' whichever is mOre
convenient, may be used to calculate thickness effects for straight-tapered wings with sharp-nosed
airfoils.

Figure 4.1.3.2-60 presents the leading-edge-thickness effect on the normal-force-curve slope of
straight-tapered wings in the form of a ratio of actual normal-foree-curve slope to theoretical
normal-foree-curve slope. This chart is empirically derived from the experimental data of
Reference 26 of this section and References II through 17, 26, and 45, of Section 4.1.3.3.

For double-delta and cranked wings empirical correlation factors for round-nosed and sharp-nosed
airfoils (from Reference 8) are applied, which account for leading-edge effects.

The method presented for determ;ning the normal-foree-curve slope of curved (Gothic and ogee)
wings consists of a semiempirical correlation based on th,e theoretical results of Squire in
Reference 27.

Because of the nonlinear nature of the normal-force curve at high angles of attacK, the methods
presented for estimating CN a are lirnited to low angles of attack.

Wings with inverse taper (A > I) have not been considered. Wings with swept-forward leading edges
are included through the use of the reversibility theorem (Reference 28). The reversibility theorem
states that the normal-foree-curve slope of the wing in forward flight equals the normal-force-curve
slope of the same wing in reverse flight at the same Mach number.

DATCOM METHODS

Straight-Tapered Wings

The supersonic normal-foree-curve slope of conventional wings is obtained as outlined in the
following steps:

Step I. Obtain the theoretical normal-force-curve slope from Figures 4.1.3.2-56a through
4.1.3.2-56f, except for rectangular wings. The theoretical normal-force-curve slope
for rectangular wings must be obtained from Figure 4.1.3.2-56g. These charts should
be used for M :> 1.4. For Mach numbers less than 1.4 the transonic method of
Paragraph B should be used.

Step 2. For wings approaching the sonic-Ieading-edge condition, the theoretical CN a value
obtained from Step I should be multiplied by the empirical thickness correction
factor from Figure 4.1.3.2-60.
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Non-Straight-Tapered Wings

Double-Delta Wings

This method, taken from Reference 8, uses the linear-theory design charts of the straight-tapered
wing method with appropriate empirical correction factors. Application of the method requires that
the wing planforrn be broken down as follows (see Sketch (d)):

Basic Wing - the outboard leading and trailing edges extended to the center line.

Glove - a delta wing superimposed over the basic wing. The glove leading edge is that of
th~ in hoard panel.

Extension - that portion of the wing behind the trailing edge of the basic wing for wings
with broken trailing edges.

SKETCH (d)

The method is applicable to double-delta wings having breaks in the leading- and/or trailing-edge
sweep at only one spanwise station.

The normal-foree-curve slope of the total wing is

4.1.3.2-h

where

is an empirically derived "lift-interference factor" obtained from Fig
ure 4.1.3.2-61.
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are the ratios of the areas of the basic wing, glove, and trailing-edge
extension, respectively, to the total wing area. (See Section 2.2.2 for
wing-geometry parameters.)

are t,\e normal-force-curve slopes of the basic wing and glove, respectively.
(CNa)bW is obtained from Figures 4.1.3.2-500 through 4.1.3.2-56f.
(CNa) g is obtained from either Figure 4.1.3.2·56a or Figure 4.1.3.2-63.

are empirically derived "leading-edge-effect factors" obtained from
Figure 4.1.3.2-62 as functions of Mach number and the respective
planform leading-edge sweepback.

is the normal-force-curve slope of the trailing-edge extension, shown
schematically in Sketch (e), and is given by

where

4.1.3.2-i

is the normal-forco-curve slope of a zero-laper-ratio wing with Ax. E = AL Eg
and ArE = ATEE , obtained from Figure 4.1.3.2-56a or Figure 4.1.3.2-63.

is the normal-foree-curve slope of a zero-taper-ratio wing with ALE = A LEg
and ArE = ATEbw' obtained from Figure 4.1.3.2-56a or Figure 4.1.3.2-63.

are the ratios of the areas of the two zero-taper planforrns to the total wing
area

4.1.3.2-22
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It is recommended that Figure 4.1.3.2-63 be used to obtain the normal-force<urve slopes
of the zero-taper-ratio wings rather than Figure 4.1.3.2-56a because of the upper limit of
the parameter A tan ALE of Figure 4.1.3.2-56a. The use of Figure 4.\.3.2-63 is very
convenient since the normal-foree-curve slope is presented in the form CN.lA, which
eliminates the necessity of calculating the area of each individual panel.· All that is
required to solve Equation 4.1.3.2-i is the total wing planform area Sw and the span bE
of the trailing-edge extension. Using values of CNa/A from Figure 4.1.3.2-63, Equa
tion 4.1 .3 .2-i becomes

4.1.3.2-j

Application of this method is illustrated in Sample Problem I on Page 4.1.3.2-29.

A comparison of test data for 26 configurations with CNa of double-delta wings calculated by this
method is presented as Table 4.1.3.2-C (taken from Reference 8). All but two of the configurations
listed in the table are wing-body combinations, All predictions were made by using the theoretical
planform (leading and trailing edges extended to the center line) for the total planform area and
neglecting body effects. No configuration had a ratio of body diameter to wing span greater than
0.15; consequently, the wing-body interference is considered to be negligible. The wing-thickness
ratio range covered (0.02 to 0.07) is consistent with current practice and no significant effects of
wing thickness ratio are evident.

It should be noted that the maximum error generally occurs on wing-body configurations with large
inboard sweep angles (ALE; > 780 ). This can conceivably result from two sources. Configurations
with large inboard sweep have a large portion of the theoretical glove planform submerged in the
body, making the assumption of negligible Wing-body interference effects less valid; and the
"Ieading-edge-effect factors" presented in Figure 4.1.3.2-62 are not well defined for sharp-nosed
airfoils at tow values of Pltan ALE'

It is recommended that this method be restricted to the Mach-number range, 1.2';; M .;; 3.0 For
M = 1.0 the empirical correlation presented in Paragraph B should be used.

Another class of double-delta wings of practical interest are those with the outboard wing sweep
greater than the inboard wing sweep. No configuration with ALEo > ALE; was analyzed during the
investigation reported in Reference 8; however, a method of approach for treating such
configurations is suggested.

Defming the basic-wing breakdown as before results in some additional basic-wing area created
forward of the wing sweep break as illustrated in Sketch (0.

·Figure 4. t .3.2-63 may allo be applied with equet fBCility to obtain norlT'llll·foree-curve slope of theglo.....
Using {CNe/A), from Figure4.t.3.2-63

S (C ) b2g No: 9
(e" ) -. - -

O:gSw A gSW
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SKETCH(f)

For this class of double-delta wings the normal-foree-curve slope of the basic wing is determined by
extending the basic-wing leading edge to the confIguration center line, calculating the normal-force
curve slope of the ex tended basic-wing panel, and calculating and subtracting the normal-force-curve
slope of the section of the basic-wing panel forward of the wing sweep break. This is shown
schematically in Sketch (g).

1-2

=

SKETCH (g)

Based on this definition of the normal-foree-curve slope of the' basic wing, the total wing
normal-force-curve slope is given by Equation 4. J.3.2-h with the "lift-interference factor" KL
replaced by K.

4.1.3.2-k
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where

K is an empirical correlation factor which corresponds to the "lift-interference factor" KL •

Not enough force data are available to allow correlation of this parameter; however, based
on a limited amount of experimental rolling-moment data, K appears to be approximately
one.

The remaining parameters are defined as before.

Although not enough data are available to substantiate application of the foregoing analysis to
double-delta planforms with ALEo > ALEj • it can be concluded that the method will become less
valid for wings employing sharp-nosed airfoils and large outboard sweep angles. since the
"Ieading-edge-effect factors" are not well defined for wings with sharp-nosed airfoils at low values
of (3/tan AL E.

Application of this method is illustrated in Sample Problem 2 on Page 4.1.3.2-32.

Cranked Wings

The method used to predict the normal-foree-curve slope of double-delta wings is also applicable to
cranked wings. However, for cranked wings with broken trailing edges the inboard trailing-edge
sweep angle may be greater than the outboard trailing-edge sweep angle. Since the basic wing is
defined as in the double-delta wing breakdown, this results in some additional area being created
behind the in board trailing edge as illustrated in Sketch (h).

Glove

Basic Wing (shaded area)

Extension

Cranked wing with ATE. > ATE
1 0

SKETCH (h)
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This additional area is considered to be the trailing-edge extension. Defining (CN.) 1 and (CN.) 2

exactly as for the double-delta wing results in a negative normal·force-curve increment for the
trailing-edge extension.

This method is applicable to cranked wings having breaks in the leading- and/or trailing-edge sweep
at only one spanwise station.

The normal-foree-curve slope of the total wing is given by Equation 4.1.3.2-h; i.e.,

where all the parameters are defined under Equation 4.1.3.2-h of the double-delta-wing method.

The normal·force-eurve slope of the trailing-edge extension for the case where the inboard
trailing-edge sweep angle is greater than the outboard trailing-edge sweep angle is shown
schematically in Sketch (i).

" ,......... ,.-
....../

SKETCH (i)

Application of this technique is iUustrated in Sample Problem 3 on Page 4.1.3.2-34.

A comparison of test data for seven configurations with CN• of cranked wings calculated by this
method is presented as Table 4. 1.3.2-D (taken irom Reference 8). The configurations listed in the
table are either wing-body combinations or wing-body combinations with nacelles included in the
body. The inboard leading-edge sweep angles are generally lower than those on the double-delta
wings, which would tend to alleviate the body effects on the glove discussed under the
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double-delta-wing method. The wing thickness-ratio range covered (0.02 to 0.08) is consistent with
current practice and no significant effects of wing thickness ratio are evident.

Five of the configurations had small ratios of body diameter to wing span and the predictions for
those configurations were based on the theoretical planforrn extended to the body center line. The
configurations of References 65 and 66 had nacelles included in the body, and an effective
extension was included as part of the planform as shown in Sketch U). Since the definition of the
extension was somewhat arbitrary, this technique should not be considered as a general wing-body
prediction technique.

SKETCHG)

Although aD the confJgW'ations investigated had round-flosed airfoils, the application of the method
to cranked wings with sharp-nosed airfoils should give equally good results except in the low
supersonic Mach-number range. The "leading-edge-effect factors" are not well defined for
sharp-nosed airfoils at low values of ~/tan ALE and must be considered as a possible source of error
at low supersonic Mach numbers.

It is recommended that this method be restricted to the Mach number range, 1.2 <; M <; 3.0. For
M = 1.0 the empirical correlation presented in Paragraph B can be used for cranked wings with
aspect ratios of approximately three.

Curved Wings

This method, taken from Reference 8, is based on the theoretical results of Squire in Reference 27.

The supersonic normal-force-curve slope of curved (Gothic and ogee) planforms is obtained from
the procedure outlined in the following steps:
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Step I. Using the given wing geometry calculate the aspect ratio A, the planfonn shape
parameter p, and the wing slenderness parameter bw /(22). (See Section 2.2.2 for
wing-geometry parameters.)

Step 2.
(3bw

At the desired value of 2£ (
CNa) (I + p)obtain A -p- from Figure 4.1.3.2-64.

Step 3. Calculate the supersonic nonnal-force-curve slope by

4.1.3.2-1

Application of this method is illustrated in Sample PrOblem 4 on Page 4.1.3.2-36.

A comparison of test data for 18 configurations with CN a of curved wings calculated by this
method is presented as Table 4.1.3.2-£ (taken from Reference 8). Four of the configurations listed
in the table are wing-body combinations with small ratios of body diameter to wing span. The
calculations for these configurations were made by using the theoretical planfonn extended to the
body center line and neglecting body effects. All models employed thin wings (0.008 .;; tic';; 0.06)
with sharp leading edges.

The method provides satisfactory results for low supersonic Mach numbers and may be applied over
the Mach number range, 1.0';; M .;; 3.0.

On some ogee-wing-body configurations the leading-edge sweep becomes very large near the
wing-body juncture. For such configurations, unrealistic values of p will be obtained if "good
engineering judgment" is not exercised in extending the planfonn to the center line. The error that
could result is illustrated by the somewhat analogous cases of wings WI' W4' and W7 of
Reference 79 (see Table 4.1.3.2-£). These configurations are ogee wings with very slender apexes
and, consequently, low values of p. It is believed that the slender apex behaves more as a body than
as part of the lifting surface. For these wings the method underestimates the nonnal-force-curve
slope from 6.5 to 21.7 percent.

The calculated results for the configuration of Reference 81 are as much as 22 percent in error.
However, the model is a sonic-design, blended wing-body configuration with unusual bumps in the
wing surface near the wing-body juncture, and it is suspected that the bumps significantly affect the
pressure distribution at supersonic speeds. It is significant that at subsolJic speeds, test data for this
configuration correlate quite well with the predicted lift at angle of attack (see results for
Reference 43 in Table 4.1.3.3-D).

The authors of Reference 8 note that moderately low-aspect-ratio wings (1.5 .;; A .;; 3.0) have linear
lift-curve slopes up to approximately eight degrees angle of attack at supersonic speeds. However,
the low-aspect-ratio-wing (A .;; 1.3) data of Reference 79 show. a break in the lift curve at
approximately two degrees angle of attack. Unfortunately, the program reported in Reference 8 did
not include an investigation of the supersonic wing-lift variation with angle of attack for
irregu lar-shaped wings.
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Sample Problems

I. Double-Delta Wing

Given: Double-delta wing of Reference 58.

1
Crg

Total Wing

AW
~ 2.42 AW ~ 0.086 bW

~ 24.0 in.

ALE· ~ 70.670
ALE ~ 51.630

I 0

Sw ~ 238 sq in. '1B ~ 0.40

ATE ~ -47.370
ATE = 26.620

I 0

Basic Wing

Abw
~ 3.50 Abw ~ 0.20 Sbw = 164.6 sq in.

ALE bw
= ALE = 51.63 0 ATEbw = ATE = 26_620

0 0
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Glove

Extension

= 1.402 Xg =0 Sg = 65.7 sq in.

bE bW
- = fiB - = 4.8 in.

2 2

Additional Characteristics:

Sharp-nosed airfoil

Compute:

M = 2.01; /l = 1.744

= 0724' (A tan ALE) = 4.421. , bw

= 4.24 per rad (Figure 4.1.3.2-56b)

= 2.43 per rad

/l/tan ALE
bw

= 1.38

(CLE)bW = 0.993 (Figure 4.1.3.2-62)

(CNa)g (Since A= O. either Figure 4.1.3.2-56aor 4.1.3.2-63 can be used.) (See footnote on Page 4.1.3.2-23.)

/l/tan ALE = 0.612; (A tan ALE)g = 3.99
g

tan ALE (CN ) = 4.90 per rad (Figure 4.1.3.2-56a)
g ag

(<;LE)g = 0.995 (Figure 4.1.3.2-62)

SE
(CNa)E Sw (use Figure 4.1.3.2-63)

/l/tan ALE
I

= /lltan ALE
g

= 0.612
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tan ATE
I

= 1.58 (Figure 4.1.3.2-63)

[3/tan ALE
2

= [3/tan ALEg = 0.612

=

tan ATE
bw__-:..c. = 0.176

tan ALE
g

= 1.07 per rad (Figure 4.1.3.2-63)

(9.6 )2
= (1.58 - 1.07) 238

= 0.197 per rad

KL = 0.830 (Figure 4.1.3.2-61)

Solution:

= 0.830 [1.670 + 0.472 + 0.197 J

= 1.941 per rad

= 0.0339 per deg

This compares with a test value of 0.0351 per degree from Reference 58.
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Given: The double-<lelta wing of Reference 75.Configuration has no trailing-edge extension.

Total Wing

AW 1.86 >'W = 0.130
~

=

1\ ALE· = 600
ALE = 750

1 0

I \ Sw = 275.9 sq in. 1/B = 0.654

: \ ATE = 47.5 0

crj Glove

I c
r2

r
Sg

= 0.346 Xg = 0 ALE = ALE- = 600

Sw g 1

Cr Ag = 2.31
g

c
rW Extended Planforms

SI
= 1.405 XI 0.0698- =

Sw

ALE I
= ALE = 750

0

Al = 1.327

S2
0.745 X2 0- = =

Sw

1
ALE

2
= ALE = 75 0

CtW 0

bW,!:l~T A2 = 1.072

2 2
Additional Characteristica

Sharp-nosed airfoil M = 3.71; Il = 3.573

Compute:

tan ALE III = 0.485; (A tan ALE)g = 4.0
g
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I3(CN",)g = 4.0 (Figure 4.1.3.2-56a)

(CN ) = 1.12 per rad
"'g

l3/tan ALE = 2.06
g

(CLE)g = 1.03 (Figure 4.1.3.2-62)

tan ALE 1 (CN"')1 = 4.40 per rad (Figures 4.1.3.2-56a through -56c, interpolated)

= 1.1 79 per rad

l3/tan ALE = 0.957; (A tan ALE)2 = 4.0
2

tan ALE (CN ) = 4.08 (Figure 4.1.3.2-56a)
2 '" 2

1.093 per rad

= (1.179)(1.405)-(1.093)(0.745)

= 0.842 per rad

l3/tan ALE = 0.957
bw

(CLE)bw = 0.94 (Figure 4.1.3.2-62)
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Solution:

= 1.0 [(0.842) (0.94) + (J.l2) (0.346) (1.03)]

= J.l 90 per rad

= 0.0208 per deg

(CLE)g] (Equation 4.1.3.2-k)

This compares with a test value of 0.024 per degree from Reference 75.

Given: Cranked wing of Reference 32. The inboard trailing-edge sweep angle is greater than the
outboard trailing-edge sweep angle. (See Sketches (h) and (i).)

Basic Wing

Total Wing

AW = 2.91 Xw = 0.44

ALE· = 53.130
ALE = 32.160

1 0

Sw = 40.04 sq in. llB = 0.60

ATE· = 37.30
ATE = 0

1 0

Sbw = 42.77 sq in.

Xbw = 0.40

bbw = 10.8 in.

Glove
Ag = 3.0

Extension

Sg = 14.00 sq in. x = 0g

bW
= llB 2" = 3.24 in. = 37.30

Additional Characteristics

Round-nosed airfoil
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(Figure 4.1.3.2-62)

Compute:

tan ALE III ~ 0.642; (A tan ALE)bw ~ 1.715
bw

Il (CN ) ~ 3.42 per rad(Figures 4.1.3.2-56cthrough -56f, interpolated)
ex bw

(CN ) ~ 3.49 per rad
ex bw

Il/tan ALE ~ 1.560
bw

(CLE)bw ~ 0.99 (Figure 4.1.3.2-62)

(CN ) (Since A ~ 0, either Figure 4.1.3.2-56aor 4.1.3.2-63 can be used.)
ex, g

(See footnote on Page 4.1.3.2-23.)

Il/tan ALEg : 0.735; (A tan ALE)g ~ 4.0

tan ALE (CN ) ~ 4.575 per rad (Figure 4.1.3.2-56a)
g exg

(CNex)g ~ 3.43 per rad

(CLE)g ~ 0.93

SE
(CN"')E Sw (use Figure 4.1.3.2-63)

Il/tan ALE ~ Il/tan ALE ~ 0.735
1 g

tan ATE
1

tan ATE
E

~ ~ 0.571
tan ALE

g

(CNA",)I ~ 0.650 per rad (Figure 4.1.3.2-63)

Il/tan ALE ~ Il/tan ALE ~ 0.735
2 g

tan ATE2

tan ALE
2

(C:",)2 ~ 1.16 per rad (Figure 4.1.3.2-63)
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S
[(

CN ) (C)] 2E a Na bE

(CNak Sw = A I - A 2 Sw

(6.48)2
= (0.650 - 1.16) 40.04

= -D.535 per rad

I {C Sg I 3 (14.00)ii, Na)g Sw = 0.98 ( .43) (40.04) = 1.224

KL = 0.74 (Figure 4.1.3.2-61)

Solution:

(Equation 4.1.3.2- j )

[

Sbw Sg
CNa = KL (CNa~w Sw (CLE)bW+(CNa)g Sw (CLE)g+(cNak

= 0.74 [(3.49) (42.77) (0.99) + (3.43) (14.00) (0.93) - 0.535]
(40.04) (40.04)

= 0.74 [3.691 + 1.115 - 0.5351

= 3.160 per rad

= 0.0552 per deg

This compares with a test value of 0.0563 per degree from Reference 32.

4. Curved Wing

Given: Ogee wing of Reference 80.

SE]Sw (Equation 4.1.3.2-h)

AW = 1.20 bW = 12.0 in. £ = 20.0 in. Sw = 120 sq in.

M = 1.82; P = 1.52
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Compute:

Planform shape parameter

p = SW/(bW£) = (120)/[(12) (20)J = 0.50

Wing slenderness parameter

bW/(22) = (12.0)/[(2)(20)J = 0.30

(1.52) (12.0)= = 0.456
(2) (20.0)

( CAN",) (I +p P) __ 4.18 per rad(Figure 4.1.3.2-64)

Solution:

CN~ -- (CAN",) (I +p P) A (I P+ p)~ (Equation 4.1.3.2-£)

= (4.18)(1.20)( 0.50 )
I + 0.50

1.672 per rad

= 0.0292 per deg

This compares with a test value of 0.0285 per degree from Reference 80.

D. HYPERSONIC

The theoretical normal-force-curve slope of a flat plate at zero angle of attack approaches zero as
the Mach number becomes large. The interrelated effects of viscosity, heat transfer, and detached
shock waves due to blunt leading edges cause considerable deviations of the normal-force-curve
slope from the theoretical values. These effects are discussed more fully in Paragraph D of
Section 4.1.3.3. The magnitude of these effects on surface pressures, although large enough to be
important under certain conditions, has not been determined. The method presented herein is based
on linear theory and is intended only as a first-order approximation of the normal-force-<:urve slope
of straight-tapered planforms at hypersonic speeds.

DATCOM METHOD

The hypersonic portions of Figures 4.1.3.2-56a through 4.1.3.2-56g may be used to obtain a
frrst-order approximation of the normal-force-curve slope at zero angle of attack for conventional
wings of zero thickness. For planforms with wedge airfoils an approximation of the normal-force
curve slope at zero angle of attack may be obtained by applying the results of Figure 4.1.3.2-65.
This figure, based on two-dimensional supersonic slender-airfoil theory, presents the ratio of CN • of
wedge airfoils to CN • of flat-plate airfoils.
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Number of 2.2 of a Variable'Sweep Airplane Configuration Having an Inboard Wing Pivot. NASA TM X-585, 1961. (U)

Landrum, E.J., and Babb, C.D.: Effect of Skewed Wing-Tip Controls on a Variable-Sweep Wing-Fuselage Configuration at Mach Numbers
From 2.60 to 4.62. NASA TM X-1031 , 1964. IC) Title Unclassified

Driver, C., and Spearman, M.L.: Aerodynamic Characteristics at a Mach Number of 2.20 of a Variable-Sweep Fighter Model With Wing
Sweeps of 500, 600, and 750. NASA TM X·1041, 1964. IC) Title Unclassified

Jernell, L.S.: Aerodynamic Characteristics at Mach Numbers From 2.50 to 4.63 of a Variable-Sweep Model at Sweep Angles from 550 to
750. NASA TM X-9S9, 1964. IC) Title Unclassified

Landrum, E.J.: Effect of Skewed Wing-Tip Controls on a Variable-Sweep Wing-Fuselage Configuration at Mach Numbers of 1.41 and 2.20.
NASA TM X-951, 1964. IC) Title Unclassified

Spearman, M.L., and Harris, R. V., Jr.: The Longitudinal and Lateral Aerodynamic Characteristics at Mach Numbers of 1.41 and 2.20 of a
Variable-Sweep Fighter Model With Wing Sweeps Varying From 250 to 750. NASA TM X-759, 1963. IC) Title Unclassified

Spearman, M.L., and Robinson, R.B.: Stability and Control Characteristics at a Mach Number of 2.01 of a Variable-Sweep Airplane
Configuration Capable of Low-Level Supersonic Attack-Outer Wing Swept 750 . NASA TM X-310, 1960. IC) Title Unclassified

Robinson, R.B., and Howard, P.W.: Stability and Control Characteristics at a Mach Number of 2.2 of a Variable-Sweep Airplane Con
figuration Having a 12-Percent-Thick Wing Swept 750 and an Inboard Pivot Location. NASA TM X-435, 1960. (CI Title Unclassified
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74. Foster. G. V .. and Morris, a.A. Stability and Control Characteristics at a Mach N umber of 1.97 of an Airplane Configuration Having
Two Types of Variable-Sweep Wings. NASA TM X.323. 1960. (U)

75. Foster, G.V Stability and Control Characteristics at Mach Numbers of 2.50. 3.00, and 3.71 of a Variable-Wing-Sweep Configuration

With Outboard Wing Panels Swept Back 750. NASA TM X·267, 1960. lU)

76 Spearman, M.L .. Static Longitudinal and I_ateral Aerodynamic Characteristics at Mach Numbers of 1.41 and 2.20 of a Model of a Low·

Aspect·Ra(lo 83.50 Delta-Wing Airplane Having Auxiliary Variable-Sweep Wing Panels. NASA TM X-708, 1963. (C) Title Unclassified

77 Sh<lw, D.S Supersonic Investigation of the Static Stability, Performance, and Control of a Variable-Sweep Tactical Fighter Model.
Phase 1. NASA TM X-l 045, 1965. (C) Title Unclassified

78. Shaw, D.$., and Wassum, D.L.. Supersonic Investigation of th~ Static Stability, Performance, and Control of a Variable-Sweep Tactical

Fighter Model. Phase 2. NASA TM X-1046, 1965. (C) Title Unclassified

79 Igglesden, M.S. Tabulated Lift. Drag, and Pitching Moment From Wind-Tunnel Tests on 30 Slender Wings of Ogee and Other Plan forms,

With Various Thickness Distributions, at M = 1.4,1.61, and 1.91. RAE TN AerO 2694, 1960. (U)

80. Squire, L.C .. a"d Capps, D.S.. An Experimental InvestigatiDn of the Characteristics of an Ogee Wing From M
ARC CP 585, 1962. (U)

0.4 to M 1.8.

81. HoldawaY, G.H., and Mellenthin, J.A.. Evaluation Df Blended Wing-Body Combinations With Curved Plan Forms at Mach Numbers U p
to 3.5. NASA TM X-379, 1960. (U)

82. Hicks, R.M., and Hopkins, E.J.· Effects of Spanwise Variation of Leading-Edge Sweep on the Lift, Drag, and Pitching Moment of a Wing-
Body Combination at Mach Numbers From 0.7 to 2.94. NASA TN 0-2236, 1964. (U)

83. Corlett, W.A., and Foster, G.V.: Aerodynamic Characteristics of a Tailless Fixed-Wing Supersonic Transport Model at Mach Numbers
From 1.80 to 2.86. NASA TM X·992, 1964. (C) Title Unclassified

84. Foster. G.V., and Corlett, W.A.: Aerodynamic Characteristics of a Tailless Fixed-Wing Supersonic Transport Configuration at Mach

Number 2.20. NASA TM X-960, 1964. IC) Title Unclassified

85. CDok, T.A. Wind·Tunnel Measurements at Mach Numbers Up to 2.80 of the Effects of Gulting on the longitudinal and Lateral

Stability and Drag of a Cambered, Slender Ogee Wing. ARC CP 803, 1965. (U)

86. Rolls, L.S., Koenig, D.G., and Drinkwater, F.J., III: Flight Investigation of the Aerodynamic Properties of an OgeeWing. NASA
TN 0-3071, 1965. (U)

87. Earnshaw, p.B.: Low·Speed Wind-Tunnel Tests on a Series of Cambered Ogee Wings. ARC CP 775,1963. (V)

88. Keating, R.F.A.. Low-Speed Wind-Tunnel Tests on Sharp-Edged Gothic Wing of Aspect-Ratio 3/4. ARC CP 576,1960. (U)

89. $quire, L.C; Measurement of Lift and Pitching Moment on 4 Ogee Wings at Supersonic Speeds. ARC CP 673,1962. (U)

90. Taylor, C.R.: Measurements at Mach Numbers Up to 2.8 of the Longitudinal Characteristics of One Plane and Three Cambered
Slender 'Ogee' Wings. ARC R&M 3328, 1961. (U)

91. Isaacs, D.: Measurement at Subsonic and Supersonic Speeds of Longitudinal and Lateral Stability Df a Slender Cambered Ogee Wing
Including Effects of a Fin, Canopy Nose, and Trailing-Edge CDntrols. ARC R&M 3390,1965. (U)

92. Dobson, M.D., and King-Underwood, R.: Wind-Tunmd Tests Between M '" .4 and 2.0 on Cambered Wing of Slender Ogee Planform.
ARC CP 778, 1965. (U)

93. Eggers, A.J., Jr., Syvertson, C.A., and Kraus, S.: A Study of I nviscid Flow About Airfoils at High Supersonic Speeds. NACA
TR 1123, 1953. lU)

94. Creager, M.O.: Surface Pressure Distribution at Hypersonic Speeds For Blunt Delta Wings at Angle of Attack. NASA Memo 5-.12-59A,
1959. IU)

95, Massiter, A.F.: Lift of Slender Delta Wings According to Newtonian Theory. AJAA, Vol. I, No.4, 1963. (U)

96. Olstad, W.B.: Theoretical Evaluation of Hypersonic Forces, Moments and Stability Derivatives For Combinations of Flat Plates,
Including Effects of Blunt leading Edges, by Newtonian I mpact Theory. NASA TN 0-1015, 1962. (U)
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TABLE 4.1.3.2·A
SUBSONIC LIFT.cURVE SLOPE OF CRANKED WINGS

DATA SUMMARY AND SUBSTANTIATION

C'-a CL •
), Xo

ALE. ALE .5!. .!... RI
• ,0-6 (1 Percent

Rei. Config. A 11. I 0 b c LER M mOl< Cole. TOIl Error

29 WB 4.00 .580 .517 .600 48.6 7.7 .139 .06 Round .B 2.510 3.0 .0755 .0750 0.7

l ~ l l l l l l l l l .85 l .0773 .0830 ~.9

.9 .0845 .0870 -2.9

30 WB 2.91 .333 .500 .500 67.01 61.7 .139 .Q4. .03 Round .6 2.2 to 3.5 .0486 .0490 --o.B

! t ! ! ! ! ! ! ! ! ! .B 1 .0536 .0400 9.4

.9 .0587 .0520 12.9

31 WB 3.00 1.0 .075 .549 60 60 .109 .06 Round .1B 2.24 .0454 .0455 --0.2

t WB 2.98 .455 .654 .583 59 48.5 .097 .06 Round .1B 2.56 .0464 .0460 0.9

32101 WB 2.91 .541 .625 .600 53.13 32.16 .147 .Q6. .03 Round .6 1.5 .0582 .0590 -1.4

! ! ! 1 ! ! ! ! ! ! .B l .0657 .0670 -1.9

.9 .0728 .0740 -1.6

WB 2.91 .541 .625 .600 53.13 43.22 .147 .Q6. .03 Round .6 1.5 .0565 .0580 -2.6

! I
t ! ! ! ! ! t ! .8 ! .0600 .0610 -1.6

.9 .0730 .0660 10.6

33 W 5.20 .339 .268 .379 60.0 25 .045-.06 Round .13 2.65 .0658 .0632 4.1

34"'1 W 4.18 .531 .686 - 45,30 20 :09 Round .13 6.0 .0642 .0629 2.1

i5lbl W 5.02 .530 .198 45.30 25 .15 Round .13 1.9 .0665 .0614 8.3

36
lbl W 6.1 .5BS .480 37.03, 22.63 .105-.09 Round .550 .6 to 1.0 .0800 .0770 3.9

28.27

,
.602 .0816 .0800 2.0

.549 .0843 .0860 -2.0

.705 .0873 .0910 -4.1

.748 .0907 .0930 -2.5

.777 .0932 .1020 -8.5

.803 .0960 .0945 1.5

.835 .1007 .0960 4.9

37 WBV 8.47 .197 .386 .212 76 18 .062 - Round .2 3.6 .0634

W8 8.18 12 .066 .Q6. .02 .73 .0691
lei

38 .294 .463 .308 85 Round .5

101 NOlchod L.E. M!.lAverage Error· - 3.9%
Ib) Two breaks in L.E. n

Ie) :Thklnformetlon is classified CONFIDENTIAL.



TABLE 4.1.3.2-8
TRANSONIC LIFT-CURve SLOPES OF STRAIGHT-TAPERED WINGS

DATA SUMMARY AND SUBSTANTIATION

Airfoil Ae/2
Theoretical IT)

Ref. Section A A Idegl At )( 10-6 M'b ICC 1 M ICC 1 Mb. , ICC I Experimental (E)
a 'b a a. ab

48 63A010 6 1 0 2.0 .82 G.l .89 3.2 .9G 6.2 T
.82 G.3 .89 4.1 .96 4.6 E

63AOO8 6 1 0 2.0 .84 7.0 .91 5.0 .98 5.9 T
.84 6.5 .90 5.1 .95 5.5 E

63A006 6 1 0 2.0 .87 7.9 .94 6.8 1.01 6.9 T
.87 8.0 .94 6.0 1.01 5.6 E

63A010 4 1 0 2.0 .84 4.8 .91 3.12 .98 4.08 T
.84 4.7 .90 3.0 .98 4.2 E

63A008 4 1 0 2.0 .87 5.4 .94 4.5 1.01 4.5 T
.86 4.7 .94 4.1 .98 4.7 E

63AOOG 4 1 0 2.0 .91 5.9 .98 5.5 1.05 5.1 T
.94 5.9 .98 5.4 1.05 4.9 E

63A010 2 1 0 2.0 .98 2.9 1.05 2.9 1.12 2.5 T
.98 2.7 1.05 2.9 E

63AOO8 2 1 0 2.0 1.0 3. I 1.07 3.3 1.17 2.7 T
1.0 3.4 1.07 3.5 E

63AOO6 2. 1 0 2.0 1.0 3.3 1.07 3.5 1.14 2.9 T
1.0 3.2 1.07 3.1 E

63A010 1 1 0 2.0 1.0 1.4 1.07 1.6- 1.14 1.2 T
1.0 1.4 1.07 1.5 1.14 1.3- E

63AOO8 1 1 0 2.0 1.0 1.5 1.07 1.7 1.14 1.3 T
1.0 1.3 1.07 1.5 1.14 1.4 E

63A006 1 1 0 2.0 1.0 1.6 1.07 1.8 1.14 1.4 T
1.0 1.3 1.07 1.6 1.14 1.0- E

49 65AOO6 4 .6 43.2 .46 .94 4.0 1.01 3.8 1.08 3.5 T

t
.94 4.0 1.01 3.9 1.08 3.5 E

65AOO6 4 .6 32.5 .46 .93 4.8 1.0 4.4 1.07 4.2 T
.93 4.8 1.0 4.2 1.07 3.5 E

19 63, A012 4 .68 43.6 .57 .92 3.6 .99 1.5 1.06 3.0 T
.92 3.4 .99 2.4 1.1 3.1 E

6 .56 43.6 .57 .875 4.1 .945 1.4 1.015 3.5 T
.875 4.7 .995 1.6 1.095 3.3 E

8 .45 43.6 .57 .875 4.6 .945 1.3 1.015 3.9 T

I.875 4.1 1.0 1.6 1.125 2.9 e
47 63AOO6 4 0 26.6 2.4 .92 5.2 .99 4.8 1.06 4.5 T I

.92 4.3 .99 4.4 1.06 4.1 E

63AOO4 1 .5 33.4 2.9 1.0 1.6 1.07 1.9 1.14 1.5 T
1.0 1.8 1.07 2.0 1.14 1.9· E

1.08 .3 44.0 2.6 1.0 1.7 1.07 1.9 1.14 1.6 T
1.0 1.9 1.07 1.9 1.14 1.9- E

1.67 .2 38.7 2.6 1.0 2.6 1.07 2.9 1.14 2.4 T
1.0 2.8 1.07 2.9 1.14 2.7- e

1.71 .4 26.5 2.7 1.0 2.8 1.07 3.1 1.14 2.6 T
1.0 2.9 1.07 2.0 1.14 3.0· E

2.46 .1 33.6 2.6 1.0 3.7 1.07 3.8 1.14 3.4 T
1.0 3.7 1.07 3.6 1.14 3.2· E

2.67 .2 26.6 2.6 1.0 4.2 1.07 4.1 1.14 3.9 T
1.0 4.0 1.07 3.9 1.14 3.7· e

-EXTRAPOLATEO VALUES
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TABLE 4.1.3.2-C

SUPERSONIC NORMAL·FORCE-CURVE SLOPE OF DOUBLE·DELTA WINGS

DATA SUMMARY AND SUBSTANTIATION

CN
CN •

ALE. ALE
d t a a Percent

Xi X '1 8
- - TestRef. Config. A 0 , 0 b c LER M Calc. Error

58 W8 3.15 .510 .295 .400 64.07 51.63 .125 .06 Sharp 1.61 .0417 .0462 3.2

2.86 .407 70.67 1.61 .0442 .0437 1.1

t • ~ 2.01 .0386 .0355 3.1

2.86 .407 64.07 1.61 .0458 .0450 1.8

2.62 .339 70.67 1.61 .0421 .0416 1.2

2.62 .339 64.07 1.61 .0443 .0431 2.8

2.42 .292 70.67 1.61 .0411 .0402 2.2

t t t 2.01 .0339 .0351 - 3.4

59 W8 2.01 .416 .302 .313 78 53.3 .127 .03 Sharp(a) 1.10 .0523 .0540 - 3.1

t 1 1 1 1 1 1 1

1.40 .0431 .0440 - 2.0

2.00 .0332 .0320 3.8

I 2.94 .0242 .0230 5.2

•.96 .295 .344 .405 78 ! 48.5 .127 .03 1.10 .0487 .0500 - 2.6

1 1 1 1 1
I

1 1 1

1.40 .0405 .0410 - 1.2
,

1.98 .0313 .0270 15,9

2.94 .0227 .0221 2.7

193 .180 .454 .498 78 38.1 .127 .03 1.10 .0476 .0469 1.5

} 1 1 1 1 1 1 1

1.40 .0380 .0363 4.7

1.98 .0276 .0259 6.6

2.94 .0205 .0199 3.0

1.30 .196 0 .414 B2 60 .147 .03 1.10 .0322 .0320 0.6

1 1 1 1 1 1 1 1
1.40 .0299 .0280 6.8

1.98 .0249 .0230 8.3

2.94 .0194 .0170 14.1

1.33 .302 .163 .403 B2 60 .147 .03 Sh"P 1.10 .0350 .0390 -10.3

1 1 1 1 t 1 1 1

1.40 .0323 .0330 - 2.1

1.98 .0282 .0270 4.4

2.94 .0207 .0200 3.5

1.55 .301 0 .400\ B2 59 .144 .03 1.10 .0382 .0410 - 6.8

1 1 1 1 1 1 1 1
1.40 .0336 .0350 - 4.0

1.98 .0280 .0280 0

2.94 .0207 .0210 - 1.4

1.72 .35B 0 .414 17.4 59 .127 .03 1.10 .0421 .0460 - 8.5

t + + + + + + + 1.39 .0359 .0390 - 7.9

60 W 2.25 .29 0 A16 78 eo -- .04 Round 3.0 .0221 .0200 10.5

61 W 2.39 .378 a .128 82.9 50 -- J11-.03 "Round 1.2 .0614 .0506 1.8

! ! ! ! ! ! ! ! ! ! oSherp 2.0 .0316 .0310 1.8

~
3.0 .0218 .0228 - 6.3

4.0 .0188 .0173 - 4.0
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TABLE 4.1.3.2-e (CONTO:

eN ~a
•

ALE. ALE
d t a Percent

X X '1B
- -

Ref. Config. A , 0 , 0 b c LER M Calc. T." Error

62 WB 2.35 .229 .625 .700 61.7 30 .150 .06 Round(b 1.41 .0520 .0515 1.0, , , , , , , , t t t 2.01 .0366 .0365 0.3

63 WB 3.15 .508 .295 .400 49.59 20.B5 .125 .06 Sharp 2.01 .0363 .0382 - 5.0

2.86 .407 63.07 2.01 .0346 .0360 - 3.9

2.62 .339 70.10 2.01 .0328 .0332 - 1.2

I t , 1.61 .0428 .0440 - 2.7,
2.86 .407 49.59 2.01 .0355 .0369 - 3.8

2.62 .339 63.07 2.01 .0337 .0348 - 3.2

2.42 .292 70.10 2.01 .0320 .0320 0, t , 1.61 .0406 .0423 - 4.0

64 WB 2.43 .448 0 .259 78 60 .077 .Ql8-.040 Sharp 2.98 .0232 .0224 3.6

I I j j j j j j
2.59 .0262 .0254 3.1

2.20 .0315 .0304 3.6

1.53 .0402 .0382 5.2

1.11 .0451 .0459 - 1.7

1.52 .479 .10'2 .216 83.35 62 .095 .018-.029 2.98 .0220 .0210 4.8

II j
'1

j j j
i 2.81 .0231 .0231 0

1
2.20 .0280 .0289 - 3.1

~
2.59 .0242 .0238 1.7

1.59 .0344 .0346 - 0.6

1.26 .627 0 .18'1 83.0 70 .100 .02 2.98 .0219 .0216 1.4, , , , , , I , , 2.98 .0219 ,0208 5.3

1.06 .627 .102 .197

T'i
.092 .02

1

2.98 .0201 .Q209 - 3.8

! t
I

t ! ! ! 2.98 .0201 .0207 - 2.9

~ I
2.59 .0220 .0228 - 3.5

2.59 .0220 .0226 - 2.7

I.) The. modell hitd theoretically round L.E:s inboard ~ut were
l: I • I

• 3.7%Average Error • ---
.nalyzed as sharp due to small size of model and small tic. n

fbI This modei had a fiat piate wing with a biunt T .E.
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TABLE 4.1.3.2-0
SUPERSONIC NORMAL·FORCE·CURVE SLOPE OF CRANKED WINGS

DATA SUMMARY AND SUBSTANTIATION

0
J\.E j 1\.EO

d .!.
C,., CNa Percent

b
a

Rot. Config. A >.; ),., 'IB c LER M Calc. Tnt Error

30 WB 2.91 .353 .500 .500 67.01 61.7 .139 .04-.03 Round 1.41 .0456 .0433 5.3

t t t t t t t ~ t t ~ 2.01 .0401 0355 13.0
32 WB 2.91 .641 .625 .600 53.13 32.16 .147 .06-.03 Round 1.4 .0552 .0563 - 2.0

t t t ~ ~ t t 43.22 t t • .0568 .0563 0.9
66 WBVN 3.59 .409 .650 ,421 70 50 .186 7 ROUnd 2.2 .0375 .0390 -3.B
67 WB 4.43 .389 .464 .404 65 45 .079 .06-.02 Round 2.60 .0299

i l ~ l ~ l l l l
,

~~
2.96 .0260
3.95 .0201

38 WB 4.43 .389 .464 .404 65 45 .079 .06-.02 Round 1.20 .0660

I I I I I I I I II I
Col

2.30 .0343
2.60 .0317
3.00 .0267
3.50 .0212

65 WBVN 3.80 .374 .289 .297 74.17 50 .211 .08 Round 1.70 .0407 .0390 4.4

~ ~ ~ ~ ~ ~ ~ ~ ~ ~ ~
200 .0345 .0334 3.3
2.20 .0310 .0324 -4.3
2.50 .0274 .0289 -5.2

}; 101
Col This information ts classified CONFIDENTIAL. AveregeError • --. 4.7%

n
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TABLE 4.1.3.2-E
SUPERSONIC NORMAL-FORCE·CURVE SLOPE OF CURVED IGOTHIC AND aGEE) WINGS

DATA SUMMARY AND SUBSTANTIATION

bW
t CN CN •

d -c a a Percent

Ref. Config. Planform A 21 0 b ( root) M Calc. T"" Error

79

WI'

0 ... .75 ·T .375 - .008
10

' 1.41 .0180 .0230 -21.7

I t i i t 1.61 .0178 .0211 -15.6

1.91 .0175 .0204 -14.2

r 1.00 .188

T
.010 (8 ) 1.41 .0237 .0283 -16.3

t i i t 1.61 .0232 .0267 -13.1

1.91 .0224 .0248 - 9.7

i'
1.33 .25 .375 .012(a) 1.41 .0305 .0354 -13.8

t i I t t 1.61 .0297 .0332 -10.5,
1.91 .0275 .0294 - 6.5

r 1.00 .25 .500 - ,014(a) 1.41 .0283 .Q286 - 1.0

i ~ ~ ~ i 1.61 .0272 .0262 3.8

1.91 .0253 .0252 OA

j32
1.11 .25 .450 - .013

10
' 1.41 .0293 .Q288 1.7

t i i i •
1.61 .0282 .0270 4A
1.91 .0262 .0247 6.1

To .75 .188 .500

l
.012(8) 1.41 .0218 .0219 - 0.5

t ~ t i 1.61 .0;213 .0213 0

1.91 .0205 .0204 0.5

1"
.75 .25 .667 .016(al 1.41 .0255 .0265 - 3.8

t ~ ~ ~ t 1.61 .0245 .0253 - 3.2

1.91 .0227 .0241 - 5.8

r 1.00 .25

T
- .014(al 1.41 .0283 .0289 - 2.1

~ ~ ~ ~
1.61 .0272 .0265 2.6

1.91 .0253 .0260 - 2.7

13 Gothic .75
.21

.667 - .016(8) 1.41 .0255 .0234 9.0

t t
•

i 1.61 .0245 .0234 4.7

1.91 .0227 .0229 - 0.9

16 1.00 .333 .667

1
.01Sla) 1.41 .0324 .0315 2.9

~ ~ i •
1.61 .0300 .0309 - 2.9

1.91 .0266 .Q288 - 7.7

19
1.33 .444 .667 - .021 181 1.41 .0392 .0388 1.0

t ~ t t t 1.61 .0349 .0373 - 6.4

1.91 .0307 .0335 - 8.4

114
.857 .25 .583 - .015(8) 1.41 .0268 .0258 ·3.9

i t
•

t ~
1.61 .0257 .0243 5.8

1.91 .0239 .0239 0

To .938 .25 .533 - .015
10

' 1.41 .0277 .0259 6.9

t i t ~ ~
1.61 .0266 .0254 4.7

1.91 .0247 .0251 - 1.6

T'
1.00 .25 .500 - .015

10
' 1.41 .0283 .0289 - 2.1

i t ~ t ~
1.61 .0272 .0263 3.4

1.91 .0253 .0261 - 3.1
80 W8 0 ... 1.2 .300 .510 .133 .05 1.00 .0349 .0364 - 4.1

j j j j j I j
1.25 .0343 .0351 - 2.3

1.32 .0338 .0332 1.8

1.42 .0329 .0327 0.6

1.61 .0310 .0309 0.3

1.82 .0292 .0285 1.6
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TABLe 4.1.3.2·e (CONTO)

1 CN CNbw •d c a a Percent-- -
Rot. Coofig. P""form A 21 p b «rootl M Calc. Test error

81 WB Oslo· 2.0 .540 .540 .08 .03 1.00 .0612 .0570 7.4

1.05 .0614 .0595 3.2

1.10 .Q694 .0610 - 2.6

1.20 .0553 .0622 -11.1

1.60 .0418 .0535 -21.9

1.60 .0378 .0475 -20.4

2.00 .0347 .0445 -22.0
2.20 .0318 .0360 -11.7
2.35 .0304 .0360 -13.1

82 WB otloo 1.98 .35 .353 .127 .02 1.40 .0413 .0466 -11.4

! t ! t t t ~ ! 1.98 .0328 .0358 - 8.4
2.94 .0250 .0238 5.0

85 WB Ogee .924 .208 .45 .112 .059 1.4 .0248 .0255 - 2.7

! ( l ! ! 1 I j
1.8 .0234 .0227 3.1

2.2 .0215 .0210 2.4

2.4 .0207 .0197 5.1

2.8 .0191 .0182 4.9

1:1.1
Ca) Flat Plate Models Average Error· --n- . 6.2%
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4.1.3.3 WING LIfT IN THE NONLINEAR ANGLE·Of.ATTACK RANGE

Methods are presented for determining the lift at subsonic speeds of the following two classes of wing
planforms:

Straight·Tapered Wings (conventional, fixed, trapezoidal wings)

Non-Straight-Tapered Wings

Double-delta wings (composite wings with A "" 3 or less)
Cranked wings (composite wings with A "" 3 or greater)
Curved (Gothic and ogee) wings

These three general categories of non-straight-tapered wings are illustrated in sketch (a) of
Section 4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2.

The lift at subsonic speeds of non-straight-tapered wings is treated in reference I. Semiempirical methods are
presented for double-delta and cranked wings; whereas the method presented for curved wings is strictly
empirical. These methods are restricted to angles of attack of 200 or less.

The methods presented at transonic, supersonic, and hypersonic speeds are restricted to estimation of the
lift of conventional straight-tapered wings.

A general procedure is presented for calculating the lift on conventional, straight-tapered wings at angles of
attack from 0 to 900 at all speeds, based on the following equation:

~
cos a

C' ~ C sin 2a + C sin a Isina I
~ N a 2 N aa

The quantity CN is the linear-theory normal-foree-curve slope for the appropriate speed regime
a

(approximated by CL at subsonic and transonic speeds). The nonlinear coefficient C
N

is presented
a aa

in a series of chart. based on empirical correlations in most cases. The absolute-value notation in the
second term of the above equation insures the correct sign sense for the nonlinear term at negative angles
of attack.

The above form of the normal-force equation gives results equivalent to those of linear theory at low angles
of attack and equivalent to those of cross-flow theory at 900 angle of attack.

For the subsonic speed range, the linear nature of the lift curve for unswept, high-aspect-ratio wings suggests
that the general method outlined above may be unnecessarily complicated. Therefore, an alternate procedure
for these wings is presented in paragraph A of this section. Besides being considerably simpler that the general
method, the alternate method is, in certain cases, more accurate. However, this simplified method is limited
to unswept, high-aspect-ratio wings at subsonic speeds and at angles of attack below the stall.

Although nominally applicable to all untwisted, straight-tapered wings, the general method works best for
thin, symmetrical, low-aspect-ratio wings. The reason for this is that certain two-dimensional section prop
erties influence the three-dimensional lift on thick, high-aspect-ratio wings. These effects are not directly
accounted for by the general method.

4.1,3.3-1



A. SUBSONIC

Straight-Tapered Wings

Simplified Method for High-Aspect-Ratio Wings

The subsonic lift characteristics of unswept, high-aspect-ratio wings are determined by planform geometry,
as well as by the integrated airfoil section characteristics. The lift cUIVe is essentially linear up to the angle of
attack near the stall at which flow separation causes the lift cUIVe to become nonllnear. The shape of the
cUIVe just prior to and at the stall is determined by the stalling characteristics of the airfoil and the stall pat
tern of the three-dimensional wing. In general, the radius of cUIVature of the lift cUIVe near and at the stall
is greater for the wing than for the individual airfoil sections, since all span stations of a wing do not stall at
the same ftee-stream angle of attack. The three-dimensional effects of the wing thus cause a softening of the
stall.

DATCOM METHOD

The lift cUIVe for unswepl, high-aspect-ratio wings up to the stall angle of attack may be approximated by
the following procedure:

I. Determine the zero-lift angle of attack of the wing by the method given in Section 4.1.3.1.

2. Determine the Iift-cuIVe slope of the wing by the method of Section 4. I .3.2.

3. Determine the maximum lift and angle of attack for maximum lift of the wing by the method of
Section 4.1.3.4.

4. Determine the quantity a* .from Section 4.1.1.

5. With the above information construct the complete lift cUIVe.

General Method for Wings of Any Aspect Ratio

Charts are presented for calculating the normal force on wings at subsonic speeds for angles of attack from
oto 900 . The method is based on the experimental data of references 2 through 7 and is valid for the Mach
number range 0 .;; M .;; 0.6. A comparison of experimental data with results based on these charts is
shown in table 4.1.3.3-A.

At angles of attack below the stall the lift on wings is a function of the parameters discussed in the sections
dealing with wing Iift-cuIVe slope and maximum lift <Sections 4. I .3.2 and 4.1.3.4, respectively>.

Beyopd the stall, the normal-force coefficients for all wings vary in a highly nonlinear manner. The precise
nature of the variation depends upon the individual wing. However, for all wings the normal-force coefficient
approaches the value predicted for a fiat plate as the wing angle of attack approaches 900.

Sketch <a> shows some typical lift CUIVes and corresponding normal-force cUlVes.

4.1.3.3-2
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SKETCH (a)

The aspect-ratio-6 wing with the 64AO I0 airfoil reaches a maximum lift coefficient at a relatively low angle
of attack. Following this, the lift drops abruptly and then stabilizes at nearly constant level for approxi
mately the next 300 of angle of attack.

For the same wing with a sharp leading edge (represented by the wing in reverse flow) the maximum lift
coefficient is not nearly as large as in the previous case, but the drop subsequent to the maximum lift is also
much less. The result is that for angles of attack beyond stall, the lift on the blunt wing is not greatly dif
ferent from the lift on the sharp wing.

This effect is accounted for in this section by making the drop in lift following maximum lift reflect the
difference between the actual maximum lift and the maximum lift determined by the low-aspect-ratio
method of Section 4.1.3.4. (This latter method gives results corresponding to those for a thin airfoil.)

For very low-aspect-ratio rectangular wings experimental data (reference 2) occasionally show a hysteresis
in the normal-force curve near maximum lift, with different lift-curve shapes, depending on whether the
angle of attack is increasing or decreasing. For these wings the results of this section must be applied with
caution, since they do not reflect this hysteresis.

Reynolds number was not accounted for in the analysis of this method. There is a Reynolds-number effect
on the lift-curve shape for the thicker wings, but within the Reynolds-number limitations listed on the charts
the values predicted are of sufficient accuracy for most purposes.

DATCOM METHOD

The general method for estimating the subsonic normal force on conventional, straight-tapered uncambered
wings for angles of attack from 0 to 900 is outlined in the following steps:

Step I. Subsonic Normal Force at Angles of Attack Below the Stall.

The basic equation is

CL ,
--= C
cos a N

sin 2a
= C --- + eN sin a I sin a I

N a 2 aa
4.1.3.3-a

The normal-force-curve slope C
N

is obtained from Section 4.1.3.2.' For high-aspect-ratio
a

is used for eN
a

4.1.3.3-3



wings, the lift curve is based on the appropriate section lift-curve slope. For low-aspect ratios
and borderline aspect ratios (defined in Section 4.1.3.4), the section lift-curve slope is
assumed to be 2lT (K = 1 in figure 4.1.3.2-49).

The nonlinear coefficient CN is calculated as the sum of two terms:
aa

4.1.3.3-b

The reference nonlinear coefficient (CN )
aa ref

at maximum lift), given by

is based on CN' at CL max
(the normal force

<1.max=----
cosa cLmex

4.1.3.3-c

where CL and
max

question. Finally,

ac are obtained as outlined in Section 4.1.3.4 for the wing in
Lmex

(CNaa) ref is given by

C'
N (I)@ C - C -

Lmax N a 2

sin ac Isin ac I
Lmax L max

4.1.3.3-<1

[ ]3}(C2 + I) A tan ALE
+ 1) (C2 + 1)- 7 4.1.3.3-e

The incremental nonlinear lift coefficient .l1CN is now read from figure 4.1.3.3-55a
aa

as a function of the parameter J and the ratio of the tangent of the angle of attack in
question to the tangent of the angle of attack at CL • The wing-shape parameter J is

max
defined by the equation

J = 0.3 (C, + 1) : cos ALE { (C,

The constants C, and C2 are the empirical taper-ratio constants of Section 4.1.3.4.

The wing lift coefficient may now be calculated for any angle of attack up to and including
the stall by substituting the appropriate values of CN and CN in equation 4.1.3.3-a.

a aa

Step 2. Subsonic Normal Force at Angles of Attack Beyond the Stan.

The equation for the nonlinear coefficient at angles of attack beyond the stall is

CNaa = (CNaaL + [(CNaa)90
0

:- (CNaat1~. - _ta_t:_:_C~__m__8X ] + ~2D C2~; (:~::)2
4.1.3.3-f
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where

fl

o

C·
lmax

is the reference nonlinear coefficient based on C~ at CL calculated
max

as outlined in step I.

is the normal-force coefficient at a = 90° At 900
, CN = C~ since

. 2 =2 sma "b'dfsin a = I and -2- = O. The quantity C
N

IS 0 tame rom

figure 4.1.3.3-55b as a function of aspect ratio (references 3 and 4).

is the Mach number parameter, J I - M2.

is an empirical nonlinear term read from the right-hand side of
figure 4.1.3.3-55a.

is the maximum lift coefficient obtained as outlined in Section 4.1.3.4
for the wing in question.

is the maximum lift coefficient of the wing, calculated by using the low
aspect-ratio method of paragraph B of Section 4.1.3.4. If the wing in
question has a low aspect ratio by the definition of Section 4.1.3.4, then
C~ = C

L
and the last term in equation 4.1.3.3-f is

max max

CNa
fl02 D' If the wing in question has a high aspect ratio by the defini-

tion of Section 4.1.3.4, the value of (C L ) is obtained from
max base

A 4
figure 4.1.3.4-23 at (C1 + I) If cos ALE = Ii'

Substituting values of CN determined by equation 4.1.3.3-f, together with the value of=
CN from figure 4.1.3.2-49" into equation 4.1.3.3-a gives the wing normal-force coefficient

a
for angles of attack between the stall angle and 900 .

For cambered wings the procedure outlined in steps I and 2 must be altered slightly. Potential theory states
that the lift-curve slope of a wing is unaltered by camber. Thus the lift is defined by

where ao is the angle of attack for zero lift. For angles of attack below the stall an equivalent angle of

attack for the cambered wing is defined as a. = a - ao' Then, the equations for lift are

Isin a.1 (equation 4.1.3.3-a)

where CN is given by equation 4.1.3.3-b, but with ac replaced by (a.)c in determining
aa Lmax L max

4.1.3.3-5



C'
N

(equation 4.1.3.3-d)

tan a.
dCN is read from figure 4.1.3.3-55a as a function of J and the ratio =:::-;~,---_

aa tan (a.)c .
Lmox

For angles of attack beyond the stall, the linear term vanishes as a approaches 900, and the equivalent
angle of attack for the cambered wing is defined as

a = a[l + a
o

]
• 900

- acL mox

4.1.3.3-g

where a, ao ' and a c are measured in degrees. Then, as before,
Lmax

C C'L= Ncos a

C' = CN Na
sin a. Isin a.1 (equation 4.1.3.3-a)

where CN is given by equation 4.1.3.3-f with (C
Naa

) calculated as outlined above for the cambered
aa ref

wing at angles of attack below the stall, and a = a•.

In applying the above methods to a wing which is on the borderline between a high aspect ratio and a low
3 4

aspect ratio as defined in Section 4.1.3.4, i.e., C <; A <; , either the
( 1 + I) cos ALE (C1 + I) cos ALE

high- or the low-aspect-ratio procedure of Section 4.1.3.4 may be applied to determine the wing maximum
lift characteristics. It is suggested that the low-aspect-ratio procedure be applied as this facilitates application
of equation 4.1.3.3-f, since C~ = CLmax max

Three sample problems are included on pages 4.1.3.3-11 through 4.1.3.3-23 to illustrate the calculation pro
cedure for estimating wing lift in the nonlinear angle-of-attack range of conventional, straight-tapered wings.
Comparison with experimental data is presented in each case.

Sample problems I and 2 emphasize the high-angle-of-attack characteristics of a low-aspect-ratio and a high
aspect-ratio wing, respectively. Comparison is made between the calculated and experimental values for both
lift and normal force. Agreement between the calculated and experimental values near stall is not particularly
good for the high-aspect-ratio wing. However, the experimental data in this case should be viewed with
caution, since it indicates a highly nonlinear lift curve prior to stall for a high-aspect-ratio wing.

Sample problem 3 illustrates the special case of a cambered wing, as well as a more representative comparison
of lift at the lower angles of attack.

4.1.3.3-6



Non-Straight-Tapered Wings

Semiempirical methods, taken from reference I, are presented for estimating the nonlinear lift of double
delta and cranked wings at subsonic speeds. The nonlinear lift of double-delta wings is based on the hypoth
esis that an expression similar to that developed by KOchemann (reference g) for the nonlinear lift of small
aspect-ratio wings with leading-edge separation may be applied to double-delta planforms. By using such an
approach, a correlation proportional to the linear lift-curve slope was developed that is strongly dependent
on the inboard-panel geometry. The characteristic behavior exhibited by the experimental data of cranked
wings led the authors of reference I to conclude that the flow field about these wings is similar to that about
a low-aspect-ralio delta wing with leading-edge separation. On the basis of these observations, the nonlinear
lift of cranked wings has been related to the correlation for the nonlinear lift of double-delta wings.

The nonlinear lift of curved (Gothic and ogee) wings has been correlated in reference I by the empirical
method developed by Peckham in reference 9.

The following methods for estimating the nonlinear lift of non-straight-tapered wings are limited to angles of
attack of 200 or less.

DATeOM METHODS

Double-Delta Wings

The nonlinear lift of double-delta wings at subsonic speeds is obtained from the procedure outlined in the
following steps:

Step J.

Step 2.

Step 3.

Calculate the subsonic wing lift-curve slope CL by the method presented for double-delta
a

wings in paragraph A of Section 4. I .3.2.

CL Al
Obtain values of the parameter C at angles of attack of 40 , gO, 120 , 160 , and 200

La '1e
from figure 4. I .3.3-56. This parameter is correlated as a function of wing aspect ratio A, the
leading-edge sweepback of the inboard panel ALE' and the Mach number parameter

I

{3 = j I - M2. It should be noted that for angles of attack up to gO, an aspect-ratio depend
ence exists at Mach numbers above 0.7. Not enough data are available at high subsonic Mach
numbers to allow investigation of the aspect-ratio dependence above gO angle of attack.

Calculate C
L

by

4.1.3.3-h

Step 4.

where

is the spanwise location of the break in the leading edge expressed in percent of
wing semispan.

is the aspect ratio of the planform formed by the two inboard panels

Plot calculated values of CL versus a and fair a curve through the points tangent to

near zero lift.
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Application of this technique is illustrated by sample problem 4 at the conclusion of paragraph A
(page 4.13.3-23)..

A comparison of test data for 21 configurations with the nonlinear lift of double-delta wings calculated by
this method is presented as table 4.1.3.3-B (taken from reference I). The largest errors generally occur at
a = 40 with the accuracy improving as the angle of attack increases. The ratio of body diameter to wing
span of the models investigated varied from 0.077 to 0.149, and no apparent effects of relative body size are
evident. No significant effects of thickness ratio on lift are evident over the limited thickness-ratio range
covered (0.02 to 0.04). The Reynolds numbers of the test data fall into two ranges, 1.04 x 106 to 3.6 x 106

and 17.1 x 106 to 20.3 x 106 . Although there are not enough data to allow a quantitative prediction of
Reynolds-number effect, it is reasonable to expect that Reynolds number will influence the lift.

Although no attempt was made to define the effect of leading-edge shape on lift, even with round leading
edges a highly-swept wing should be expected to have leading-edge separation at the higher angles of attack.
With separated flow over the entire leading edge, the resulting vortex pattern should be equivalent to that
for a wing with a sharp leading edge. Since the vortex pattern exerts a strong influence on the flow field, at
the higher angles of attack the aerodynamic characteristics of wings with round and sharp leading edges
should be similar.

It is difficult to assess quantitatively the validity of the aspect-ratio dependence, shown in figure 4.1.3.3-56,
at Mach numbers above 0.7. This dependence is based on only nine configurations, and no data are available
above 80 angle of attack.

Cranked Wings

The nonlinear lift of cranked wings at subsonic speeds is related to the correlation for the nonlinear lift of
double-delta wings presented as figure 4.1.3.3- 56. The prediction method consists of a construction pro
cedure for the buildup of lift above the angle of attack at which the lift curve breaks. The break in the lift
curve is defined as that point where the lift .drops off from the linear value, and the curve itself also becomes
nonlinear. The cranked wings examined during the analysis reported in reference 1 showed a break in the
lift curve at angles of attack between 60 and 70 • The prediction method is illustrated schematically in
sketch (b).

-' -·C
Lnanllneer

(
EV8luated using \
flgur. 4.1.3.3-58/

a

SKETCH (b)

By referring to sketch (b), the nonlinear lift of cranked wings at subsonic speeds is obtained from the
pr.)cedure outlined in the following steps:

Step 1. Calculate the subsonic wing lift-curve slope CL by the method presented for cranked wings
a

in paragraph A of Section 4.1.3.2.

4.1.3.3-8



Step 2. Obtain ab".k as a function of the leading-edge sweepback of the inboard panel from
figure 4.1.3.3-57.

Step 3. Calculate C l by
break

C = C a
Lbreak l a break

4.1.3.3-i

C using equation 4.1.3.3-h. (See double-delta-
lnonlln••r

A,
at angles of attack of 4°, 80 , 120 , 160 , and 200

'18
Step 4.

Step 5.

C
l

Obtain values of the parameter C
La

from figure 4.1.3.3-56, and calculate

wing method of this paragraph.)

Obtain I(C ) - I by plotting CL versus a from step 4, and then
L a -abreak nonline.r nonlinear

calculate 6CL by

4.1.3.3-j

Step 6. Add the 6CL values obtained in step 5 to the C
L

value obtained in step 3 to obtain
break

the total CL for each a above a br••k ; i.e.,

C = C + 6C
L Lbruk L

Application of this technique is illustrated by sample problem 5 on page 4.1.3.3-25.

4.1.3.3-k

A comparison of test data for seven configurations with the nonlinear lift of cranked wings calculated by this
method is presented as table 4.1.3.3-C (taken from reference I). The ratio of body diameter to wing span of
the models inves;igated varied from 0.062 to 0.147, and no apparent effects of relative body size are evident.
No significant effects of thickness ratio on lift are evident over the limited thickness-ratio range covered
(0.02 to 0.06).

Before attempting to assesS the validity of the method some salient features should be pointed out. The
accuracy of the method is strongly dependent on knowing a bruk ' Since the break in the lift curve is essen
tialy a type of stall phenomenon, Reynolds number may have a significant effect on a", k' Unfortunately,
a lack of data prevented a detailed study of Reynolds number effects during the correlation reported in
reference I. The method also assumes a sharp discontinuity at ~r..k ; however, test data show that as aspect
ratio is reduced the break in the lift curve becomes less apparent, and for the lower-aspect-ratio wings the
lift curve exhibits a gradual transition from the linear to the nonlinear region. Furthermore, the shape of
the nonlinear lift curve is based on the correlation derived for double-delta wings, which is restricted to
wings with small or zero trailing-edge sweep angles.

From the foregoing discussion it might be expected that the method would give acceptable results when
applied to wings with moderate to high aspect ratios and small or zero trailing-edge sweep angles. Of the
seven confIgUrations listed in table 4.1.3.3-e, these conditions are met only by the configurations of
references 37, 38, and 39. The average error for the nine calculated points of those references is 4.9 percent.

It is difficult to assess quantitatively the effect of Mach number on the accuracy of the method. However, it
should be pointed out that the curves of figure 4.1.3.3-56 have been extrapolated to account for low values

4.1.3.3-9



Step 1.

of ~ tan ALE for the configuration of reference 28 at M =. 0.80,0.85, and 0.90 and for the confIgUrations
I

of reference 36 at M = 0.90.

Since the configurations of references 38 and 39 had twisted and cambered wings, their lift curves were
significantly displaced from the origin. In analyzing the test data for these configurations the lift curves were
shifted so that CL = O. The calculated results for these configurations compared well with the adjusted

a=o
test values, indicating that twist and camber have a negligible effect on the shape of the lift curve in the
nonlinear region.

Test data show that the lift curve tends to fall off at approximately 160 angle of attack at M = 0.80 and
0.85 for the configuration of reference 28, and at approximately 120 angle of attack throughout the Mach
range tested for both configurations of reference 36. This trend indicates that the inboard panel is beginning
to stall; conseqi",ntly, the method should not be expected to give reliable results for these configurations at
higher angles of attack.

Curved Wings

The nonlinear lift of curved (Gothic and ogee) wings at subsonic speeds was correlated in reference I by
Peckham's method (reference 9) where the ratio of lift to the square root of the wing slenderness parameter
plotted versus angle of attack converges on a single curve.

The nonlinear lift is obtained from the procedure outlined in the following steps:

bw
Using the given wing geometry calculate the wing slenderness parameter ""ii' (See

Section 2.2.2 for wing-ileometry parameters.)

Step 2. At the desired values of angle of attack obtain CL~from figure 4.1.3.3-58.

Step 3. Calculate CL at each a by

4.1.3.3-l

Application of this technique is illustrated by the sample problem on page 4. I .3.3-28.

A comparison of test data for II configurations with the nonlinear lift of curved wings calculated by this
method is presented as table 4.1.3.3-D (taken from reference I). The results indicate that the best accuracy
is obtainei! at the lower Mach numbers and for confIgUrations with aspect ratios near 1.0. Three of the con
figurations analyzed were wing-bodies, and for these configurations no significant wing-body interference
effects were evident. However, it should be noted that no blended wing-body configurations are included in
the correlation. Such configurations have a very thick cross section near the apex that should be expected to
cause a loss in lift. The two blended wing-body configurations of references 43 and 44 were analyzed during
the investigation reported in reference I, and it was found that the lift predicted using figure 4.1.3.3-58 was
about 10 percent higher than test data throughout the angle-of-attack range of both configurations.

Since there is no theoretical basis for this method, it should be used with caution outside the planform
parameter ranges covered in the correlation. The correlation of figure 4. I .3.3-58 is based on data from sharp
edged, thin, Gothic and ogee wings with moderate trailing-edge sweep angles (±150 ). The planform param-
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eter ranges of the data are

0.75. ;;;; A ;;;; 2.00

Sw
0.45 ;;;; bl ;;;; 0.667

w

bw
0.25 ;;;; 2i ;;;; 0.54

Sample Problems

Conventional, Straight-Tapered Wings

I. High-Angle-of-Attack Characteristics of a Low-Aspect-Ratio Wing.

Given: Delta wing of reference 25.

A = 2.0 A = 0 NACA 0005 airfoil (free-stream direction)

M = 0.2; {3 = 0.98 RR = 1.2 to 2.2 X 106 (based on MAC)

K = 1.0 (assumed) A c/2 = 45.20

Compute: Angles of attack below the stall

Find ~max and a c as outlined in Section 4.1.3.4 and CN from Section 4.1.3.2.
Lmax a

3
A < (C, + I) cos ALE; therefore, use low-aspect-ratio method.

~y = 1.38 (figure 2.2.1-8)

C, = 0, C
2

= 0 (figure 4.1.3.4-24b)

A 2
(C, + I) -{3 cos ALE = -- (0.4462) =

0.98

(c ) = 1.29 (figure 4.1.3.4-23a)
Lmax base

(C2 + I) A tan ALE = 2(2.006) = 4.01

~CL = 0 (figure 4.1.3.4-24a)
max

0.91

C L - (~ ) + ~CL (equation 4.1.3.4-g)
max max base max

= 1.29
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(
a ) = 34.60 (figure 4.1.3.4-25a)

CLmo. bolO

A cos ALE [I + (2).j2 J = 2 (0.4462) [1 + OJ = 0.8924

~aC = _0.1 0 (figure 4. t.3.4-25b)
Lm.)(

+ ~ac (equation 4.1.3.4-h)
Lmo•

= 34.50

Find CLa

1
+ tan2 A

C
/2] 2 = 2.81

CLa/A = 1.15 per rad (figure 4.1.3.2-49)

C =C =(C
La

) A=(1.l5)(2.0)=
La N a A 2.30 per rad

Find (CN )aa ref

(equation 4.1.3.3-c)

(equation 4.1.3.3-d)

= 1.565=
1.29

0.8241

C~ @ CL - CN ~~) sin 2acmax a \" L
IMX

=
sinac lsinac I

Lrnax L rNul

10.9336)
= 1.565 - 2.30 \ 2 =

(0.5664)2
1.53

Find J

A { [(C2 +
J = 0.3 (C, + l) P cos ALE (C, + I)(C2 + I) -

I) ~ tan ALEr}

(equation 4.1.3.3-e)
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( 2) I _[2 (2.00
7

6)1
3

1= 0.3 (I) 0.98 (0.4462) I

= 0.222

Solution: Angles of Attack Below the Stall

--=
cos a

C' = C
N No.

sin 20.
2

sin a Isin 0.1 (equation 4.1.3.3-a)

CN = (CN \ + t.CN (equation 4.1.3.3-b)aa 00, ref aa

= 1.53 + t.CN0.0.

@ @ @

tan a
<1cN cN c~ cL

a aa aa . (c~ cc. a)ldoQl uncxe IIg. 4.1.3.3-660 eq. 4.1 .3.3-b eN sln
2a C 11"20' eq. 4.1.3.3-.

L.".,. 1.63 +@ aa No-'--
@+@

6 0.126 0.80 2.33 0.018 0.200 0.218 0.22

10 0.268 0.80 2.33 0.070 0.393 0.463 0.46

16 0.390 0.73 2.28 a.Hit 0.676 0.726 0.70

20 0.630 0.86 2.18 0.266 0.739 0.994 0.93

26 O.BllO 0.46 1.98 0._ 0.881 1.236 1.12

30 0.840 0.25 1.78 0.446 0.996 1.441 1.25

34.& 1.000 0 1.63 0.491 1.070 1.661 1.29

Compute: Angles of Attack Above the Stall

q
mox

= C (low-aspect-ratio wing)Lmox

IC) = 1.20 (figure 4.1.3.3-55b)
\ No.o. 900

(CN ) = 1.53 (calculated on page 4.1.3.3-12)
. aa ref

Solution: Angles of Attack Above the Stall

CL C sin 20.
coso. = C~ = No.~+ CNo.o. sino. jsinal (equation4.1.3.3-a)
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• 1.20 + 0.33
tan a

+ 0.960

r
tan lie ]L....

1---=
tan a

+ 0.960 2i~30 (I)

CN(CL )2
+~20~ ~

2.3 q ....
(equation 4.1.3.3-1)

®
'"""'cL

C c''" 0 No", CL.... eN IIn20 ~ !Inl'" N
ldogl

' ... 0'
IIg. 4.1.3.3-5l5o OQ.4.1.3.3-1 OQ.4.1.3.3-0

• (C~_Q)
1,2 + .33®+ M@ 0'0 '" @+@

37 0.812 .Q.20 1.3011 0.474 1.11 1.1584 1.2fl

40 o.a19 .Q.8fi 0.6&4 0.270 1.13 1.400 1.07

46 0.667 ·1.43 0.- 0.027 1.16 1.!77 0.113

60 0.677 ·1.&4 .Q.06Il .Q.062 1.13 1.07a 0.88

60 0.397 ·1.27 0.112 0.084 0.996 1.0lIO 0.&4

70 0.260 .Q.88 0.438 0.387 0.74 1.127 0.39

90 0 0 1.200 1.200 0 1.200 0

A comparison of the calculated values and the experimental data of reference 25 is presented as sketch (c).

o
o

OOOBIMadl

I.-e. ~22J,
1\

/ '" "-
........,

I: .......
1/ i i '-

1006020

/
/

/> } -'"""
I

L
n:ST OATA ICN f--

/ 0

CALCULAn:O IC~I_
V: I : I (

1.6

o
o

1.2

CN
or .8

C'
N

1006040 60
a (dogl

20

.6

.4

1.6

1.2

SKETCH (C)
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2. lIigh-Angle-of-Attack Characteristics of a High-Aspect-Ratio Wing.

I;iven: Wing 7 of reference 25.

A ~ 6.0 A ~ 0.5 ALE ~ 8.90 NACA 64AOIO airfoil (free-stream direction)

M ~ 0.2; {3 ~ 0.98 R1 ~ 1.5 to 2.2 x 106 (based on MAC)

K ;;:: 1.0 (assumed) I\. c/2 ;;:: 2.6°

Compute: Angles of Attack Below the Stall

Find C and a c as outlined in Section 4.1.3.4 and C
N

from Section 4.1.3.2.
lmax L

max
a

A> (C,
4

; therefore, use high-aspect-ratio method
+ I) cos ALE

.:ly ~ 2.10 (figure 2.2.1-8)

c. ~ 1.23 at Rt ~ 9 X 106 (table 4.I.1-B)
Xmax

.:l3 c. ~-0.14 for Rt ~ 2.0 x 106 (figure 4.1.1.4-7b, extrapolated)
x. max

c ~ 1.23 - 0.14 ~ 1.09 (adjusted for test Rt )
1 max

cJmax

.:lC
L max

Find CLa

~ 0.895 (figure 4.1.3.4-2\ a)

~ 0 (figure 4.1.3.4·22)

(
c )Lmax

- -- C + .:lC
- cl. lmax Lmax

mAX

~ (0.895) (1.09) .. 0.975

(equation 4.1.3.4-d)

A [ 1'/2K {32 + tan2 Ac/2 ~ 5.89

C
L

/ A ~ 0.76 per rad (figure 4.1.3.2-49)
a
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C
L

a = C
Na

= (C~a) A = (0.76) (6) = 4.56 per rad

t>a c = 1.00 (figure 4.1.3.4-21 b)
Lmax

o
0.110 = 0 (equation 4. 1.3. I-a)

(equation 4.1.3.4-e)

0.975
= 4.56/(57.3) + 0 + 1.0 = 13.3

0

Find (C )Naa ,el

=
0.975

= 0.9732 = 1.002 (equation 4.1.3.3-c)

C~ @ C~max - CN O. (~) sin 2acL

(CNaa ),el = --s-;"in-a-c----cI"Si"n-a-C-L--;"I----'ma.=:.x
Lmax max

(equation 4.1.3.3-d)

Find J

=

0.4478
1.002 - 4.56 2

(0.2300)2
= -0.359

C, = 0.3, C2 = 1.06 (figure 4.1.3.4-24b)

A { [(C2 + I) A tan ALE] 3}
J = 0.3 (C, + I) 13 cos ALE (C, + I) (C2 + I) - "1

(equation 4.1.3.3-e)

= 0.3 (1.31) 0.:8 (0.988) t(1.31) (2.06) - [(2.06)(6; (0.1566)r}
= 6.36
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<;olution: Angles of Attack Below the Stall

cos a
, sin 2a

C ~ C -- + C
N

sin a Isin al (equation 4.1.3.3-a)
N Na 2 aa

C
Naa

; (CN ) + ClCN (equation 4.1.3.3-b)
aa ref aa

@ @ ®

i ,',C
N C , Ia aa Na a

eN sin2
Q'

sin 20' CN Cl

I
ldeg) tan 0' fig. 4.1.3.3-558 eq. 4.1.3.3-b CN -2- eq. 4. t .3.3-a = (c~ cos a)tan Q'c aa aLmax -.359 +@ @+@

I

5 0.370 2.84 2.48 0.019 0.396 0.415 0.41

10 0.746 1.80 1.44 0.043 0.780 0.823 0.81

13.3 1,000 0 ·0.36 -0.019 1.021 1.002 0.98
--

Compute: Angles of Attack Above the Stall

C' (calculated using the low-aspect-ratio method of Section 4.1.3.4)
lmax

A 4

(
C

l
) ; 0.79 (figure 4.1.3.4-23b at (C1 + I) R cos ALE ; R' liy ; 2.10)

max base fJ fJ

(C
2

+ I) A tan ALE ; (2.06) (6)(0.1566) ; 1.94

IiC ; .- 0.08 (figure 4.1.3.4-24a)
L max

; (C\.) + IiC l (equation 4.1.3.4-g)
max base max

; 0.79 + (-0.08) ; 0.71

(c ) ; 1.30 (figure 4.1.3.3-55b)
N aa 90°

(CN ) ; -0.359 (calculated on page 4.1.3.3-16)
aa ref

Solution: Angles of Attack Above the Stall

--;
cos a c' ;

N sin a Isin al (equation 4.1.3.3-a)
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[(CNaa )900 (cNaaL] [I - tan ac ] C (C )2CN - (C ) +
Lmax 2 Na Lmax

Naa ref tan a + iJ D 2.3 co-aa Lmax

-0.359 + (1.3 + 0.359) [1 tan a c ]
(equation 4.1.3.3-0( )( rlmax 4.56 0.975

; + 0.96D D 0:71tan a

canaCl )max
; 1.3- 1.659 + 3.588D

tan a

CD @ @ @ @ @ 0 @

tan 0c D
C C'01 NOIOI sin 20- ClLmax

eN sin2Q
N

= (c~ cos 01)Ideg)
tan a fig. 4.1.3.3-558 00. 4.1.3.3·' cN -2- eq. 4.1.3.3-8

1.3 -1.660+ 3.58 @ 0101 a
@+@

16 0.825 ·0.80 ·2.94 ·0.22 1.21 0.99 0.95

18 0.728 ·1.32 -4.64 ·0.44 1.34 0.90 0.86

20 0.649 ·1.50 -5.16 -0.60 1.47 0.87 0.82

22 0.585 ·1.54 ·5.20 -0.73 1.58 0.85 0.79

30 0.409 ·1.32 -4.11 ·1.03 1.97 0.94 0.81

50 0.198 ·0.70 -1.54 -0.90 2.25 1.35 0_87

70 0.086 -0.30 0.08 0.07 1.47 1.54 0.53

90 0 0 1.30 1.30 0 1.30 0

A comparison of the calculated values and the experimental data of reference 25 is presented as sketch (d).
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SKETCH (d)
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3. Angle-of-Attack Characteristics of a Cambered Wing

Given: The win~ of rcfercnc~ 26.

A = 9.0 A = 0.4 "'LE = 2.20 NACA 63, -210 airfoil (free-stream direction)

Position of maximum tic = 0.45c
Position of maximum camber = 0.50c
Amount of camber = O.Ollc

M 0.30; ~ = 0.954 RR = 2.5 x 106 (based on MAC)

K = 1.0 (assumed) ""i2 = 3.25 0

('ompute: Angles of Attack Below the Stall

Find CLand ac as outlincd in Section 4.1.3.4 and C
N

from Section 4.1.3.2.
max Lmax a

4
A > :-::---'--'-",- ; therefore, use high-aspect-ratio method

(C, + J) cos LE

Ay = 2.20 (figure 2.2.1-8)

(
c. ) = 1.28 (uncambered wing at R1 = 9 x 106)(figure 4.1.1.4-5)

x. max base

A, cRmax

A 2 c1
max

C =
I. md)(

= 0.07 (figure 4. 1. 1.4-6d)

= 0.15 (figure 4.I.l.4-7a)

=-0.13 (figure 4. I. 1.4-7b)

(CR ) + A, cR + A2 cR + A3 cR (equation 4.1.1.4-a)
max base max max max

C
1max

= 1.30 + 0.07 + 0.15 - 0.13 = 1.39

= 0.90 (figure 4.1.3.4-21 a)

AC L = -0.105 (figure 4.1.3.4-22)
max

= (C
Lmax )c. + AC L (equation 4.1.3.4-d)

cR / L max max
max

(0.90) (1.39)- 0.105 = 1.15
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aa c = 0.50 (figure 4.1.3.4-21 b)
Linax

Find CLa

1/2

+ tan2 Ac/2 ] = 8.60

CL fA = 0.59 per rad (figure 4.1.3.2-49)
a

CL = C
N

=I CLa)A = (0.59) (9) = 5.31
a a \ A

Cli 0.2 0
cl

a
= 0 - 0.113 = -1.77 (equation4.1.3.I-a)

= + ao + aac (equation 4.1.3.4-e)
Lmax

1.15 0
= 5.3If{57.3) + (-1.77) + 0.5 = 11.14

Find Ic )
\' Nan ,of

C
Lmax 1.15

= ::
cos a c 0.9815

Lma.
= 1.17 (equation 4.1.3.3-c)

(~>c = ac - CIa = 12.91 0

Lmax Lmax

, (I) .CN @ CL -~ -2 Sin 2{a )c
mex a e L

(c ) =-....,-....,-....,-----,....,-....,-....,--....I--'ma.:::::... {equation 4.1.3.3-d with a
CL

={a.)c
Noo,.f sin {a.)c Isin {a.)c max Lm..

Lmax lmax

1.17 -

Find J

(5.31) (0.4;55
= ~-=-.L =

{0.223W

0.0137
= 0.274

0.0500

C, = 0.43, C
2

= 1.09 (figure 4.1.3.4-24b)

A { [{C2+ I)A tanALE ]3}
,J = 0.3 {C1 + l)iJcos ALE (C, + I) (C2 + 1) - 7

4.1.3.3-20
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9
= 0.3 (1.43) 0.954 (0.9993)

= 12.10

{
.

[
(2.09 (9) (0.0384)] 3}(1.43) (2.09) - ·-----7---

ution: Angles of Attack Below the Stall

cos a

sin 2ae
2 + C

Naa
sin a, Isin a,l (equation 4.1.3.3-a with a = a.)

C
N

= (c ) + AC (equation 4.1.3.3-b)
aa Nan ref Naa

® ® ®

'bin 0'1' C ,
,',CN

N<><> CN
<>"

t8n ((i ) eq. 4.1.3.3-b eN sin20
sin 2Q'e eq. 4.1.3.3-a CL<> 'c <><> C --

• (C~ cos <»Idogl Idogl Lmax fig. 4.1.3.3--558 .274 +0 <><> ' N<> 2 ®+Q)
.

0 1.77 0.'349 2.83 3.'0 0.0030 0.'639 0.1669 0.167

4 5.77 0.4409 2.83 3.10 0.03'3 0.5313 0.5626 0.561

8 9.77 0.7513 1.75 2.02 0.0582 0.888' 0.9463 0937

'0 11.77 0.9092 0.65 0.92 0.0383 '.0601 1.0984 1.082

11.14 12.91 1.00 0 0.27 0.Q130 1.1563 1,1693 1.147

Compute: Angles of Attack Above the Stall

Ct
max

(Calculated using the low-aspect-ratio ~ethod of Section 4.1.3.4)

A 4
(CL ) = 0.79 (figure 4.1.3.4-23a at (C, + I) -(3 cos ALe =-(3' Ay = 2.20)

max base

(C2 + I) A tan ALe = (2.09) (9) (0.0384) = 0.723

AC
L

= -0.105 (figure 4.1.3.4-24a)
max

= (C1. ) + ACt (equation 4.1.3.4-g)
max base "max

= 0.79 + (-0.105) = 0.685

(eN) = 1.37 (figure 4.1.3.3-55b)aa 900 .
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(CNaa)ref = 0.2'M (calculated on page 4.1.3.3-20)

Solution: Angles of Attack Above the Stall

CL-- = C' = CNcos a N a sin al Isin all (equation 4.1.3.3-a with a = ae)

tan (ae ) ] 2
CL CN CL

max 2n a max
tan a

e
+ iJ 2.3 (CI ,\

Lma,,)

(equation 4.1.3.3-f with a = a )
e

= 0.274 + (1.37 - 0.274) [I

tan (a ) ]I C
Lmax 0.910 5.31 (~)2

2.3 0.685

tan (ae)
cL= 1.37 - 1.096 ~m~..~+ 5.920

tan ae

(equation 4.1.3.3-g)

= a [I _ (-1.77) ] _ 90 (-1.77)
90 - 11.14 90 - 11.14

= 1.022 a + 2.020

® @ ® ®

tan tae'e c I

a ae
Naa sin 20'e C ' CLLmax 0 N

dog dog fig. 4.1.3.3-558 eq. 4.1.3.3-1 eN sin2a C
N
-2- sq. 4.1.3.3-8 - (C~ cos a)

tan O'e 1.37 + 1.096®+ 5.92@
era e a @+Q)

I

11.2 13.47 0.9570 -0.05 0.0251 0.0014 1.203 1.204 1.181

12 14.28 0.9006 -0.25 ·1.0970 -0.0668 1.269 1.202 1.176

13 15.31 0.8371 -0.70 ·3.691 -0.2574 1.328 1.071 1.044

A comparison of the calculated values and the experimental data of reference 26 is presented as sketch (e).
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SKETCH (e)

Non-Straight-Tapered Wings

4. Double-Delta Wing

Given: The double-delta wing of reference 27.

c
'w

Aw
; 1.49 A, ; 0.127 Sw ; 9026 sq ft

bw 116 ft '18
; 0.~80 S, ; 3437 sq ft

So ; 5589 sq ft Aw ; 0.0454 Ai 0.483

Ao
; 0.094 ATE

; -10° ALE.
; 84.75 0

,

ALE
; 62° A cl2 .

; 79.5° A c/20
; 40.7°

0 ,

Low Speed; il ; 1.0 K; 1.0 (assumed)
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Compute:

C
L

(Section 4.1.3.2)
a j-n

(cos Ac/2) = f ~ (cos Ac/2). &, (equation 4.1.3.2-f)
eft Wj_' J

= _1- [(0.1822) (3437) + (0.7581) (5589»)
9026

= 0.5388

(A
C

/ 2) = 57.40 ; tan (A /2) = 1.5637
eft C eft

.!.

+ tan2 (A c/2)eff]2

1

= 1.49 [1.0 + (1.5637)2)
2

= 2.77

C
L

/A = 1.16 per rad (figure 4.1.3.2-49)
a

C
L

= 1.728 per rad
a

(J tan ALE. = (1.0) (10.884) = rO.884
I

Ai 0.127
1/

8
= 0.180 = 0.706

Solution:

<::L = (C
L ~) A

C

/
La

(equation 4.1.3.3-h)
CL 1/8 i 1/8a

CD @ @ ® ®

(:~o~) CL A.
CL

I eq. 4.1.3.3-h
(J ten ALE. a -a '18 CNJ/®ldegl I fig. 4.1.3.3-56 (per racU

4 10.BB4 0.055 1.728 0.706 0.1346

8 0.127 0.3110

12 0.208 0.5079

16 0.294 0.7196

20 0.380 0.9301
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I hI: (;ah.:ulat~t1 values of C
l

<:Ire plotted versus a and a curve faired through the calculated points tangent

to C
L

ncar zero lIft. (see sketdl (fJ)

I I ~.
CALCULATED

I I /El TEST DATA

.f
/

'/
/

/
".

CL.,.
Ct

V//

....-!~

./
~

1.0

.8

.6

.4

.2

o
o 4 8

a (deg)
12 16 20

5. Cranked Wing

SKETCH(!)

Given: The cranked wing of reference 28. This is the configuration of the sample problem of paragraph A
of Section 4.1.3. 2. Some of the characteristics are repeated.

Sw ; 2.25 sq ft S, ; 1.641 sq ft

11. ; 0.60

Compute:

A, ; 1.97 M ; 0.80; {3 ; 0.60

C
l

; 4.324 per rad ; 0.0755 per deg (sample problem, paragraph A, Section 4.1.3.2)
a

tan ALE.
o

I
; 1.1343 ; 0.882

a ; 5.90 (figure 4.1.3.3-57)
-",••k
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C
L

"C
L

a..... (equation 4.1.3.3-i)
br••k a

" (0.0755) (5.9) " 0.445

/l tan ALE. " (0.6) (1.1343) " 0.681,

A; 1.97
-" -" 3.283
'10 0.60

(C
L A'J CLa

C " -- -- (equation 4.1.3.3-h)
Loonll...; "-a '10 A/'1o

® ®

(cL ~) C

A;
Lnonllne•r

/l tin ALE
CLO '10 CL eq. 4.1.3.3-h

0 0 --
ldeol I fig. 4.1.3.3-56 (pernell '1 0 @@/®

• 0.681 0.168 4.32' 3.283 0.2OB

0 0.203 0.373

12 0.416 0.647

18 0.6118 0.731

20 0._ 0.902

" 0.285 (constructed, see sketch (g»

Plot C versus a and read [eCL) a "a. .]
L nonlin.... -1:M'eaIC

[eCL) _ ]
. a - Q.br_k nonll,..,

Solution: a ;> ......k

CL " CL ..... + 6CL (equation 4. J.3.3-k)

nonlin....

at Q.bruk"

6C ,,[c -L L

4.1.3.3-26

(CL) _ 1 (equation 4.1.3.3-j)
a - ...... oon/l..-

•



CD ®

(C l \,."
bCl clcl oq.4.1.3·3-1 eq.4.1.3.3·k

"
break C

ldog) {nonlin• .,.' (nonlinear) ~HID lbreak @+@

5.9 0.285 0.285 0 0.445 0.445

I
8 0.373 0.088 0.633

,2 0.547 0.262 0.707

16 0.731 0.446 0.891

20 0.902 0.617 1.062

These calculated values of C
l

are plotted versus a on sketch (g).
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liCl
I
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/
,
~I ---

/
[(Cl)\a = a break] nonlinea

V/
/ V

V V abrejk

o
o
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.8

1.0

SKETCH (g)
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6. Curved Wing

Given: The ogee wing of reference 29.

A = 1.20 bw = 12.0 in.

M = 0.4

1

Compute:

Wing slenderness parameter

bw 12.0
2i = 2(20.0) = 0.30

fb;V2t = 0.548

Solution:

CL . fb;;
CL = (b; Vit (equation 4.1.3.3-1)

V-u
CD @ @

1 = 20.0 in.

CL/~
1ft

cL
d ... 4.1.3.3-1a

(dog) r... 4.1.3.3-118 ~@

4 0.248 0._ 0.138

8 0.52& 0.288

12 0.8&0 0.-

16 1.210 0._

20 1.680 0.885
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These calculated results are compared with test data in table 4.1.3.3-D at angles of attack of 40 , 80 , and 12°

B. TRANSONIC

No specific charts are presented for determining the transonic lift characteristics of wings at high angles of
attack. The best source of information of this type is experimental data on similar configurations, e.g.,
reference 10. If such information is not immediately available, the method of the following paragraphs may
be used as a guide to obtain trends.

For thin, low-aspect-ratio, conventional wings. an indication of the lift characteristics at high angles ot attack
at transonic speeds may be obtained by the following procedure:

I. Calculate the complete lift curves for M = 0.6 and M = 1.4 by the methods of paragraphs A
and C, respectively, of this section.

2. Obtain the wing lift-curve slope at low angles of attack, as outlined in Section 4.1.3.2, for inter
mediate Mach numbers.

3. Obtain the wing maximum-lift variation with Mach number and angle of attack for maximum lift
as outlined in Section 4.1.3.4.

4. Using as a guide the information determined in the first three steps, construct the approximate lift
curves for the range of Mach numbers between 0.6 and 1.4.

For thick, high-aspect-ratio, conventional wings the same procedure may be used except that the transonic
lift-curve slopes obtained from Section 4.1.3.2 apply only to the first few degrees of angle of attack and may
be misleading if extrapolated to higher angles. Section 4.1.3.2 gives a more detailed discussion of this problem.
For any wing, local nonlinearities at high angles of attack are likely to exist at Mach numbers between 0.8 and
0.95. Again, it is best to use experimental data.

C. SUPERSONIC

Conventional, swept wings at supersonic speeds may be conveniently divided into two major categories:

Wings with subsonic leading edges, that is, wings for which Illtan ALE < I

Wings with supersonic leading edges, that is, wings for which Illtan ALE >

The supersonic-leading-edge category may be further subdivided according to whether or not the leading-edge
shock is attached or detached.

In order to provide continuity between these various supersonic regimes, as well as with the subsonic regime,
the normal-force equation, 4.1.3.3-a, has again been used. As before, the first term is based on linear theory
and the second accounts for nonlinear effects. The linear term is taken from Section 4.1.3.2 and the non
linear coefficient eN is given in the charts of this section. The charts of this section are based on refer-

aa
ences II through 19. Table 4.1.3.3-E presents substantiation data and compares the results obtained with
this method to experimental data for the subsonic-leading-edge case. Tables 4.1.3.3-F and 4.1.3.3-G present
corresponding information for the supersonic-leading-edge cases. Table 4.1.3.3-F is for wings having attached
shocks at low angles and detached shocks at high angles. Table 4.1.3.3-G is for wings having detached shocks
throughout the angle-of-attack range.
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Supersonic Normal-Force Coefficient of Wings with Subsonic Leading Edges

For conventional, swept wings with subsonic leading edges at supersonic free-stream Mach numbers, the
nonlinear character of the normal-force curve is primarily a function of f3ltan ALE and to a lesser degree

of CN . The lift characteristics are similar to the subsonic maximum-lift characteristics of low-aspect-ratio
a

wings, in that the maximum-lift coefficient first increases, then decreases with increasing aspect ratio (see
Section 4.1.3.4). As with the subsonic wings, the critical leading-edge sweep angle at which reversal occurs
seems to lie between 600 and 65° Therefore, the influence of CN has been separated into two regimes.

a
In the first regime, for sweep angles less than 62.5 0 , CN is used directly as derived from linear theory. In

a
the second regime, for sweep angles greater than 62.5°, the lift-curve slope is modified by an empirical
correction factor.

DATCOM METHOD

The procedure for finding the supersonic pseudo normal-force coefficient C~ of a straight-tapered wing

with subsonic leading edges at high angles of attack is as follows:

Step I.

Step 2.

The normaHorce-curve slope CN for the conventional wing is found from Section 4.1.3.2.
a

This includes the modifying effect of thickness on nonnaHorce-curve slope as given in
figure 4. I .3.2-6Q. In this figure, thickness is represented by 81, the semiwedge angle normal

to the leading edge of wings having sharp leading edges, and by Ay1, the leading-edge param

eter nonnal to the leading edge of wings having rounded leading edges.

An empirical parameter E is found from one of the two following equations:

E = CNa

tan ALE
E = CN for I 9- .;;; I

a . L

[
tan ALE + C (tan ALE _ 01

1.92 1.92;J

tan ALE
for > I

1.92

Step 3.

Step 4.

where C is a thickness term from figure 4.1 .3.3-59a and 81 in this figure is the leading-edge

AY1
parameter normal to the leading edge; for wings having roended leading edges, 81 = tan-1 5.85

The nonlinear coefficient CN is found from figure 4. I .3.3-S9b as a function of

t f3 j aa [(CNa ) thOOry] ..
E and the angle-of-attack parameter --C---- f3 tan a or Its recIprocal.
~A~ ~

The total lift and approximate normal-force coefficients are obtained using
equation 4. I .3.3-a; i.e.,

4.1.3.3-30

= C'N
sin 2a

= C
Na

-2- + CNaa sin a Isin at



Application of this technique is illustrated by the sample problem on pages 4.1.3.3-34 through 4.1.3.3-36.

Supersonic Normal-Force Coefficient of Wings With Supersonic Leading Edges

For conventional wings wilh supersonic leading edges, the wing leading-edge shock mayor may not be
attached, depending on the angle of attack and the wing thickness.

When the shock is attached. shock-expansion theory (summarized in reference 20) gives accurate results.
Shock-expansion theory states that the pressures acting on a wing are a direct function of the airfoil thick
ness and profile shape. For the total integrated normal forces, however, little accuracy is lost if the wing is
assumed to be a flat plate.

Thickness effects may not be neglected, even approximately, in determining the conditions under which
an attached shock will detach. A shock will start to detach whenever the sum of the angle of attack and the
semiwedge angle, both measured normal to the leading edge, exceeds the value of an expression given in
reference 20; in other words,

where M1 is the Mach number normal to the leading edge and 'Y = 1.4. This function is plotted in

figure 4.1.3.3-61 b. As the angle of attack is increased beyond this value for incipient shock detachment, an
angle-of-attack transition region occurs (see sketch (h)), wherein the normal-force characteristics of a given
wing gradually come to resemble those of a similar wing of somewhat greater thickness at a lower angle of
attack. When the 1ngle of attack reaches the upper limit of the transition region, the shock may be con
sidered to be fully detached.

TRANSITION REGION

a

SKETCH (h)

For wings where the leading-edge shock ;s detached, no theory exists for the prediction of normal forces.
However, examination of experimental data shows that a nonlinear force coefficient may be defined and
presented in much the same way as was done for supersonic wings with subsonic leading edges. This is to be
expected, since a local subsonic region exists near the leading edge when the shock is detached. For these
wings, the nonlinear coefficient CN is a function of CN only.

aa a
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DATCOM METHOD

The first step is to determine whether the leading-edge shock is attached or detached at zero angle of attack.
This is determined by using figure 4.1.3.3-6Ib. Set SO"l (see figure 4.1.3.3-6Ib) equal to the semiwedge

angle of the wing perpendicular to the wing leading edge Sl' and calculate the upstream Mach number per

pendicular to the wing leading edge at zero angle of attack by

The leading-edge shock condition is then determined by the boundary of figure 4.1.3.3-61 b. If the shock is
detached, follow procedure (I) below; if the shock is attached, follow procedure (2).

1. Supersonic Wings With Detached Shock at Zero Angle of Attack

The procedure for finding the supersonic pseudo normal-force coefficient C~ at high angles of attack of a
straight-tapered wing with supersonic leading edges and with a detached shock is as follows:

Step I.a. The derivative CN is calculated from Section 4.1.3.2. CN is the theoretical normal-
u a

force-curve slope of figures 4.1.3.2-56a through 4.1.3.2-56g multiplied by the empirical
thickness correction of figure 4.1.3.2-6Q.

Step l.b. The equivalent lift-curve slope E is calculated from the appropriate one of the two following
equations:

tan ALE
E = C for .;; 1.0

Na 1.92

[
tan ALE (tan ALE .\J tan ALE

E = CNa 1.92 + C 1.92 - ~ for 1.92 > I

where C is determined from figure 4.1.3.3-59a as a function of the semiwedge angle normal
to the leading edge.

The nonlinear coefficient CN is determined from figure 4.1.3.3-60a as a function of E
aa

and the angle-of-attack parameter used as the abscissa.

Step I.e. The total lift and approximate normal-force coefficients are obtained using equation 4.1.3.3-a;
i.e.,

4.1.3.3-32
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--=C'
cas a N

sin 2a
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2. Supersonic Wings With Attached Shock at Zero Angle of Attack

The procedure for finding the supersonic pseudo normal-force coefficient C~ at high angles of attack of a

straight-tapered wing with supersonic leading edges and with an attached shock is as follows:

Step 2.a. The derivative CN is calculated from Section 4.1.3.2. C
N

is the theoretical normal-force
a a

slope of figures 4.1.3.2-56a through 4.1.3.2-56g multiplied by the empirical thickness cor
rection of figure 4.1.3.2-60.

Step 2.b. Determine the angle of attack a· at which the shock will start to detach. This is obtained
by using figure 4.1.3.3-61 b. For unswept wings, the value of aSffl at the start of shock

detachment is obtained from figure 4.1.3.3-61 bat M1 ~ Moo. Then the angle of attack at

which the shock will start to detach is determined by

a· ~ a - a1
effl

For swept wings aSffl must be determined by graphical interpolation, since there is an inter

dependence between the Mach number and the angle of attack normal to the leading edge.
These relations for swept wings are

(
tan a )

cos ALE

where Moo is the free-stream Mach number, Ml is the Mach number perpendicular to the

leading edge, a is the wing angle of attack, and al is the angle of attack normal to the
leading edge.

For a selected range of a's, calculate aeffl and Ml using the above equations and the

relationship

a effl ~ al + a1

Then plot M1 versus aeffloo figure 4.1.3.3-61 b. The intersection of this curve and the

boundary curve of figure 4.1.3.3-61 b determines the value of a effl at which the shock will

start to detach. Then the angle of attack at which the shock will start to detach is determined
by

a· ~ tan-1 [tan (aelfl - a1) cos ALEI
Step 2.c. The angle-of-attack-transition increment between incipient shock detachment and full

detachment is now determined' from figure 4.1.3.3-61a. To enter this figure, the nonlinear
normal-force coefficient at incipient shock separation C~ must be known. This is read

aa
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from figure 4.1.3.3-60b by entering on the abscissa ({3 tan a or (3 I ) at the angle of
\ tan a

attack corresponding to incipi~nt shock separation as already calculated in step 2.b.

C~aa = CNaa is then read from the appropriate f3-curve.

Step 2.d. The total lift and approximate normal-force coefficients may now be calculated for the
three different angle-of-attack ranges using equation 4.1.3.3-a; i.e.,

CL sin 2a
--= C' = CN + CN sin a Isin al
cos a N a 2 aa

where

is from step 2.a.

for the attached-shock range is read from figure4.1.3.3-60b.

for the fully-detached-shock range is read from fIgure 4.1.3.3-60a in the
manner outlined in step I.b. of the section on detached shocks.

in the transition range is interpolated graphically or calculated analytically
from the linear-interpolation furmula

~a - a*~ ( )C - C* C* C'Naa - Naa - a' - a* Naa - Naa

In the above formula the starred quantities are measured at incipient-shock
separation conditions, and primed quantities are measured at the end of the
transition region, where the shock is fully detached.

Application of this technique is illustrated by sample problem 2 on pages 4.1.3.3-36 through 4.1.3.3-39.

Sample Problems

I. Supersonic Pseudo-Normal-Force Coefficient of Wing With Subsonic Leading Edge.

Given: ~ing 4a of reference IS.

A = 0.562 },. = 0 J\E = 820 M = 6.9; {3 = 6.83

Airfoil: 5-percent-thick (free-stream direction) double wedge with maximum thickness at 50-percent
chord
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semiwedge angle

cos ALE

Compute:

C
N

(Section 4.1.3.2)
a

bl' semiwedge angle normal to wing leading edge

-t(0~0;)
0.1392 (57.3) = 20.550

= 0.960 (subsonic leading edge)

A tan ALE = 4.00

(C) = 0.573 per rad (figure 4.1.3.2-56a)
Na theo",

~a
= 0.750 (figure 4.1.3.2-60)

C
N

= (0.750) (0.573)
a

Empirical Parameter E

0.430 per rad

tan ALE

1.92
= 3.71; therefore, use second equation listed under step I.b. of Datcom method.

C I.3U (figure 4.1.3.3-59a)

[tan ALE (tan ALE

- ~]E = CNa 1.92 + C 1.92

= 0.43 [3.71 + (1.30)(3.71 - 1)1

:::; 3.11

13E --'-- = 3.00
tan ALE

Solution:

sin 2a
C' = C -- + C

N
sin a Isin al (equation 4.1.3.3-a)

N N a 2 aa
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CN is obtained from figure 4.1.3.3-59b.
aa

® ®
c

INa 1 cN c~ cL )Clt (CNQ}theorv f3 tana CltClt CNansin2Q CN~ (C~COSQ(dog) flg.4.1.3.3-59b '" 2 eq.4.1.3.3-.

@)+(ID

8 0.783 0.12 0.002 0.059 0.06 0.06

12 0.517 0.44 0.019 0.087 0.11 0.11

16 0.384 0.64 0.048 0.114 0.16 0.15

20 0.302 0.78 0.091 0.138 0.23 0.22

24 0.247 0.90 0.149 0.160 0.31 0.28

28 0.207 1.00 0.220 0.178 0.40 0.35

32 0.176 1.09 0.306 0.193 0.50 0.42

36 0.151 1.15 0.397 0.204 0.60 0.49

40 0.131 1.22 0.504 0.212 0.72 0.55

2. Supersonic Pseudo-Normal-Force Coefficient of Wing with Supersonic Leading Edge

Given: Wings IA and IB of reference 15

A = 2.31 X = 0 ALE = 600 M = 6.91; {3 = 6.83

Airfoil: 5-percent-thick double wedge with maximum thickness at 50-percent chord

Compute:

Determine whether the leading-edge shock is attached or detached at zero angle of attack.

semiwedge angle normal to wing leading edge

semiwedge angle ~ ( o~~:)
= 0.500 (57.3) =cos ALE

For the conditions (M1) = 3.45 and ~off = 5.70 , the leading-edge shock is attached
a.-o 1

(see figure 4.1.3.3-61 b); therefore, follow procedure (2) of the Datcom method.
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C
N

(Section 4.1.3.2)
a

= 0.254

A tan ALE 4.00

0.586 per rad (figure 4.1.3.2-56a)

1.0 (figure 4.1.3.2-60)

C
N

= 0.586 per rad
a

Determine the angle of attack for which the .hock will start to detach (a0).

® ®
aol

belt Mollana
lan"a @ , ol

= M J1. sin2 f\ cm20'1...1 <ana casALE (deg) 10'.1+ 61.) cos a ~ LE
I...'

• 0.0699 0. 1399 7.96 13.7 0.9976 3.48

8 0.1450 0.2901 16.18 21.9 0.9903 3.56

12 0.2121 0.4252 23.04 28.7 0.9781 3.67

16 0.2867 0.5734 29.83 35.5 0.9613 3.82

20 0.3540 0.7280 36.06 41.8 0.9397 4.01

2. 0.4452 0.8904 41.68 47.4 0.9135 4.22

Plot °0111 versus M1 on figure 4.1.3.3-61 b. At the intersection of this curve and the boundary

curve of figure 4.1.3.3-61 b, read °0111 at the start of shock detachment.

°011
1

= 38.5 0

aO = tan- 1 [ tan (Oeffl °1) cos ALE I
= tan- 1 [ tan (38.5 5.7) cos 600 1

= tan- 1 (0.3223) = 17.90
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Solution: Angles of Attack for Fully Attached Shock

sin 2a

2
sin a Isin al (equation 4.1.3.3-a)

C
N

is obtained from figure 4.1.3.3-60b.
an

®

C"'aa
c~ cL

'" c
Nna

lin2a
sin2Q' 1Iq. 4.1.3.3-.

Id..' (jUlnQ' fig. 4.1.3.3-8lb
CN 2 @)+ ® (c ~ 000<»

IX

4 0.478 0.32 0.002 0.041 0.043 0.043

8 0.960 0.62 0.012 0.081 0.093 0.092

-'-Ilt.nO<

12 0.6B9 0.93 0.040 0.119 0.159 0.156

16 0.510 1.17 0.089 0.156 0.244 0.235

17.9 0.453 1.27 0.120 0.111 0.291 0.277

Solution: Angles of Attack in the Transition Range

~a = 8.20 (figure 4. 1.3.3-6 la at C~ = 1.27)
an

a' '" angle of attack for fully detached shock = a * + ~a· = 26.1 0

0.30 I (at a' = 26.1 0 )

Empirical Parameter E

tan ALE--= = 0.902; therefore, E = C
N

= 0.586 (first equation listed under step I.b. of
1.92 a

Datcom method for wings with detached shock)

C' = 1.23 (figure 4.1.3.3-60a at a' = 26.1 0
)

Nan

4.1.3.3-38

= c* _ (a, - a*)
Nan. \a - a* (c* - C' )Nan Nan



C·
N

= 1.27 - ~:'I- I~·~.9) (1.27 - 1.23)

= 1.27 - (a 17.9)(0.005)

sin 2a
= C

Na
-2- + CNaa sin a lsin al (equation 4.1.3.3-a)

CD

ex
Id..1

20

24

1.26

1.24

0.147

0.206

sin 2a
C

N
--2

ex

0.188

0.218

®

C~
eq.•.1.3.3-1

@+@

0.3311

0.423

®

0.31&

0.388

Solution: Angles of Attack for Fully Detached Shock

, sin 2a
C = C -- + eN sin a Isin al (equation 4.1.3.3-a)

N Na 2 aa

CN is obtained from figure 4.1.3.3-60a.
aa

CD ®
CN 1

q -ex {CNa}...... /3..rIlt
CN C .!!l!.JB C~

C L(lQ eN IIn 2 0: (C~'" ex)Id..1 'Ig. 4.1.3.3-600 exex Ncr 2
Iq. 4.1.3.34

@+®

28 0.276 1.31 0.289 0.243 0.&32 0.470

32 0.234 1.43 0.402 0.263 0._ 0.&114

36 0.202 1.48 0.&04 0.279 0.783 0.833

D. HYPERSONIC

At hypersonic speeds, the calculation of lurface pressures On wings is complicated by several interrelated
phenomena. These include the boundary layer, the shock wave, heat transfer between the wing and the gas,
dissociation, and ionization. The relative importance of each of these phenomena as they affect the aero
dynamic characteristics of wings traveling at hypersonic speeds has not been funy assessed.

Boundary layers affect the surface pressures by the displacement of the inviscid flow. This displacement of
the flow also affects the shock-wave pattern and hence the surface pressures. At very low Reynolds numbers
the inviscid flow between the boundary layer and the shock wave is entirely absorbed by the boundary
layer, and the bound3I) 18yer interacts directly with the shock wave. In general, the Reynolds number
decreases with increasing Mach number along the flight corridor because of the low densities at the altitudes
associated with flight at high hypersonic speeds. Thus boundary-layer effects become important at the
higher hypersonic speeds.
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Because of aerodynamic heating at hypersonic speeds, lifting surfaces usually use blunt leading edges.
Detached shocks are thus present ahead of the wing leading edge. Pressures on the surface near the leading
edge behind the detached shock are large compared to oblique-shock, inviscid, flat-plate values at the same
angle of attack. This "overpressure" decays with distance from the leading edge in a manner that depends
on the free-stream Mach number, leading-edge radius, Reynolds number, and heat-transfer characteristics.

An empirical method presented in references 21 and 22 attempts to account for these Reynolds-number and
detached-shock effects. This method combines inviscid-Ilow theory, blast-wave theory, and a viscous
interaction parameter. The examples presented in references 21 and 22 give some idea of the magnitude of
these effects on the surface pressures. Because of the scarcity of test data, however, the range of applicability
of this method is undetermined. The accuracy claimed in the references is ±I 5 percent.

Heat transfer between the gas and the wing surface affects the boundary-layer thickness and hence the sur
face pressures. The hotter the boundary layer, the thicker it becomes, and vice versa. Gas properties, notably
the viscosity and ratio of specific heats. change with temperature. Increasing temperature increases the
viscosity and decreases the specific-heat ratio. An indication of the effect of surface temperature on pressure
distribution is shown in reference 22.

At high speed and/or low altitudes the extreme temperatures behind the detached shock wave cause dissocia
tion of the atmospheric molecules into their atomic constituents. Under conditions of still higher temperature
the atoms ionize and the gas becomes a conducting medium. These phenomena are generally restricted to the
leading-edge tegion. Chapter VIII of reference 23 treats these problems.

Small-disturbance theory has yielded many useful hypersonic similarity forms both for twcrdimensional sec
tions and for axisymmetric bodies (chapter II of reference 23). Hy;;ersonic similarity is basically limited to
low angles of attack and slender bodies, although successful applications have been made that do not meet
these conditions. The hypersonic-similarity concept is discussed and used in Section 4.2.1.2.

The only simple closed-form solution available for the estimation of the normal-force curve of blunt wings
at hypersonic speeds is obtained from Newtonian or impact theory (reference 23). Newtonian theory assumes
that the component of momentum normal to the surface is canceled (Ilow remains parallel to the surface
after impact), giving rise to a normal force. Several modifications of Newtonian theory that have been devel
oped are discussed in paragraph D of Section 4.2.1.1.

Newtonian theory does not account for many of the real gas interaction effects previously discussed. At high
angles of attack or at high Mach numbers the surface pressures attributable to these interactions arc small
compared to the impact pressures. At low angles of attack or low Mach numbers they are no longer small
compared to the impact pressures.

Newtonian theory also assumes that the pressures on the leeward surfaces (those not "seen" from the free
stream direction) are equal to the ambient pressure. Again, this is a good approximation at high angles of
attack or high Mach numbers, because the actual pressures on the leeward surfaces compared to those on the
forward-facing areas are small. At low Mach numbers or angles of attack the leeward pressures are no longer
small compared to the positive pressures, and Newtonian theory gives less accurate results.

The general field of hypersonic flow is treated in references 23 and 24.

DATCOM METHOD

The curves of figures 4.1.3.3-59b through 4. I .3.3-60b are based on test data for the high supersonic Mach
numbers and converge to Newtonian-theory flat-plate values for high hypersonic Mach numbe..s. It is recom
mended that these charts be used in conjunction with the normal~force-curve-slopeinformation from para·
graph C of Section 4.1.3.2 to obtain the total normal-force curve of wings in hypersonic flow.
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TABLE 4.1.3.3-A

SUBSONIC WING·L1FT VARIATION flIlTH ANGLE OF ATTACK

DATA SUMMARY AND SUBSTANTIATION

BC
0 I

Rt CL
Lmax B

CL CL Percent

Ref. A ALE A ~y M x 10~6 mo. ldeol J ldeol C.lc. Test Error

3 .25 0 1.0 .745 -0.' 2.1 1.06 46 .'39 '0 .'6 .'6 6.6

20 .46 .417 7.9

JO .77 .715 7.7

40 1.02 .986 3.4

46 1.06 1.06 0

4 1.6 0 1.0 .n6 -0.1 2.0 .985 26 .836 6 .21 .190 10.5

I

I
10 .38 .40 - 6.0

16 .60 .66 · 7.7

I 20 .82 .86 · 3.6

j 26 .986 • -

4 1.23 JO .698 .63 -0.1 2.9 1.06 36 .816 6 .17 .175 2.8

I
10 .375 .Ja 1.3

'6 .6 .66 · 9.'
r 20 .815 .86 - 4.1

26 .98 .98 0

JO 1.06 • -
36 1.05 • -

4 1.6 69.6 0 .25 -0.1 3.0 '.34 J6 1.28 6 . '86 .175 6.7

10 .396 .376 6.3

16 .63 .60 6.0

20 .876 .86 1.7

j
25 1.08 1.11 · 2.7

J
30 1.24 1.285 - 3.6

J6 1.34 1.37 - 2.2

5 2 63.4 0 .749 ooQ.16 '4.6 1.37 34.5 .218 5 .22 .22 0

I 10 .465 .465 0

15 .73 .695 5.0

20 .96 .935 2.7

25 1.166 1.166 0

JO 1.32 1.346 • 1.8

34.5 1.37 1.34 2.2
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TABLE '.1.3.3-.>. lContd)

QC •Rt
CL

L.... Q.
C

L
CL p.rcent

R.f A ALE X 11. M Ill: 10-8 .... (dog) J ldog) C.le, T... Error

6 2 48.' .8 1.2 -0.2 8.0 1.034 27.2 1.08 8 .407 .356 14.8

12 .576 .616 0

16 .765 .78 · 3.2

20 .906 .955 · 5.2

2' .99 1.033 · 4.2

27.2 1.02 • -

8 8 48.2 .8 1.2 -0.2 8.0 1. '4 31.7 ".6 8 .441 .424 ..'
12 .640 .626 2.'

18 .110 .78 2.•

20 .938 .88 6.6

2. 1.046 .972 7.•

I 28 1.120 1.02. 9.2

31.7 1.160 . -

8 • 48.8 .3 1.2 -0.2 8.0 1.08 25.8 1.2 • .23 .2' • '.2

B .•7 .50 ·8.0

12 .70 .70 0

16 .88 .90 • 2.2

20 1.01 1.01 0

2. 1.05 1.07 .9

25.9 1.08 1.04 1.9

8 • 1.0 1.0 1.2 0.2 8.0 1.02. 2•.2 .55 8 .442 .'0 10.•

I 12 .848 .87 ·3.3

16 .826 .83 ·0.•

20 .- .- 2.1

"r 1.01 2.2

25.2 1.00B 1.01& 1.3

28 .91 .- • •.7

.

1: I • I
Avenu- Error· --- • :1.7%

n
eExperl...,..WI o.tI No. Avail....

4.1.3.3-44



TABLE 4.1.3.3-B

SUBSONIC WING·L1FT VARIATION WITH ANGLE OF ATTACK

DOUBLE-DELTA WINGS

DATA SUMMARY AND SUBSTANTIATiON

ALE ALE
AI

MAC
•

CL CL Percent
A Ao 11.

I 0 d .!. X 10.-6 a
Ref. Config. A , Idegl (de;) b , LEA M (deo) Calc Test Error

30 W. 2.01 .416 .302 .313 7. 53.3 .127 .03 Sharpla) .4 1.04 4 .165 .167 -1.2

I
• .348 .352 -1.1

I
12 .559 .555 .7

16 .174 .786 -1.5

20 .991 .981 1.0
.7 4 .186 .194 -4.1

I 8 .370 .389 -4.9

.9 4 .233 .213 9.4
I 8 .442 .444 -.5

WB 1.96 .295 .344 .405 78 48.5 .127 .03 Sharpla) .4 1.14 4 .144 .162 -11.1

8 .305 .324 -5.9

12 .490 .501 -2.2

16 .679 .698 -2.7

20 .869 .892 -2.6

.7 4 .165 .171 -3.5

I 8 .334 .351 -4.8

.9 4 .209 .189 10.1

I 8 .399 .369 8.1
WB 1.93 .180 .454 .498 78 38.1 .127 .03 Sharp·a) .4 1.15 4 .130 .137 -5.1

I j I I I I I I
8 .274 .284 -3.5

'2 .440 .443 -.7
16 .609 .611 -.3

20 .781 .780. .1
W8 1.93 .180 .454 .498 78 38.1 .127 .03 Sharpla) .7 1.15 4 .'48 .159 -6.9

j I I I I I I I I I I I 8 .309 .319 -3.4

.9 4 .183 .117 3.4
t 8 .357 .345 3.5

W. 1.30 .196 0 .414 82 60 .141 .03 SharpIe) .4 1.70 4 .118 .095 24.2

8 .239 .222 7.7

'2 .393 .357 10.1

16 .543 .500 B.6
20 .101 .642 9.2

.7 4 .128 .111 15.3

I 8 .259 .246 5.3
.9 4 .'34 .127 5.5
t 8 .278 .262 6. ,

W. 1.33 .302 .163 .403 82 60 .141 .03 Sharphd .4 1.41 4 .132 .114 15.8

I I I I I I I I I I I I 8 .269 .213 -1.5

12 .442 .440 .5
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TABLE 4.1.3.3-8 IContd)

ALE ALE RI
MAC

•
CL CL P.rcAnt

XI \
,

0 JI. .!. a
Ref. Conflg. A '18 ,dog) (dog) b • LER M X 10-6 (dog) Col. T... Em><

30 W8 1.33 .302 .163 .403 82 60 .141 .03 Sharp'·· .4 1.47 16 .811 .615 -.7

I I
I 20 .787 .790 -.'
.7 • .145 .138 5.'

I 8 .293 .293 0
.9 • .152 .147 3.'

• 8 .317 .317 0
W8 1.55 .301 o .400 82 69 .• 44 .03 Sharpl.' •• 1.38 • .'29 .132 -2.3

1

! I
8 .261 .282 -7.4

12 .•28 .'46 -4.0

16 .592 .628 -5.7

20 .764 .806 -5.1

I
.7 • .141 .145 -2.8

I I 8 .288 .300 -4.0

I I .9 • .157 .155 1.3

I I 8 .336 .337 -.3
W8 1.72 .358 o .414 77.4 69 .127 .03 Sharp'·' •• 1.30 • .151 .142 6.3

1

8 .321 .306 5.2

12 .510 .483 5.6
16 .706 .682 3.5

20 .903 .880 2.6
.7 • .166 .159 •••
I 8 .312 .333 -6.3

.9 • .197 .174 ':1.2

• 8 .332 .365 -9.0
31 W8V 1.87 .- 0 .424 72.6 59 .131 .02· Sha<p .la 17.1 • .150 .152 -1.3

I j II I I I
.03

l 1
I

1

8 .340 .336 1.2

1
12 .563 .566 -.5

16 .769 .776 -.9

20 979 .986 -.7
W8V 1.48 .482 .1891 .48' 12.6 59 .148 .02- Sharp .13 17.3 • .148 .134 10.4

I I I I I
.03

l l
I

l l
8 .335 .327 2.'

~ I !
12 .645 .546 -.2

16 .757 .780 -2.9
20 .965 1._ -4.1

wav 1.73 .346 o .551 73.0 69 .131 .02· Sharp .13 19.3 • .144 .130 10.8

I I I II I I
.03

1

I

t
• .323 .306 '.9

l 12 .624 .512 2.3
16 .729 .716 2.0,
2<)' .930 .912 2.0

wav 1.34 .346 .240 .628 73.0 59 .148 .02- Sha<p .13 19.5 • .137 .136 0.7

I I II I I I
.03

I I I1
8 .307 .316 -2.8

12 .'98 .520 -4.2

1. .693 .729 -4.9

20 .684 .928 -4.7
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TABLE 4.1 3.3-B (Contd)

Aef. Config. A

ALE.
I

71B (deg)

ALE
o

(dogl !!
b

!.
c LEA

•
CL Percent

Test Error

WBV 1.34 .356 .210 .473 77.4 59 .149 .02- Sharp .13 20.3
.03

11111] ]11
2.8

-3.1

••
.5

3.6

-9.0

-9.1

-8.2

2.5

o

-6.6
-6.9

-4.8

5.5
-2.7

Ibl

.298 .319

.484 .520

.676 .710

.960 .910

.146 .150

.335 .326

.524 .541

.759 .756

.971 .968

.144 .139

.302 .332

.491 .540

.685 .746

.974 .950

.130 .130

.350

.531

.713

.892

.182

.345

.523

.703

.879

.184

.349

.529

.712

.890

.330 .312 5.8

.538 .525 2.6

.749 .744 .7

.958 .960 -.2

.135 .150 -10.0

.311 .320 -2.8

.508 .510 -.4

.720 .723 -.4

.930 .995 -6.5

.21' ~.L----j

.229

.242

.'84

4 .143 .150 -4.7

8

12

16

20

•

8

12

16
20

4

8

'2
16
20

4

8

'2

'6
20

4

8

12

'6
20

•
••
4

8

'2
16
20

•

8
12

'6
20

•
8

12
16
20

j

1:1.1
A'll.... Error· -- - 4.6"

n

3.6

3.26

3.26

3.22

Round

Round .7

.8

.9

.2.035
.040

I
I j

.035- Round .2

Tl

j

.084 .035- Round .2
.040

.100

I
.090 .033

I I

.131 .02· ShOTP .13 20.0
.03

I
I I

.149 .02- Sharp .13 18.2
.03

] I I j ] 1
'[ Ti j

1

62

I
I

49.20

49.20 .084

60

42.08 .071

59

;977.2

o .414 77.4 59

o .332

o .709 60

o .7101 60

i7~ll
I

I I

j

j

I '
I I

J I. ,
.200

.200

I
.200

.131 .02- Sharp .13 17.B
.oJ

11 III j II III

2.6

2.6

I
~

WBV 1.73 .356

wav 1.87 .448

WBV 1.46 .448 .183 .379 71.2

I

j
W8VN 12.6

I I I II I 1
i8VN 13.0 .200 0 .654! 60

jlil,l'J!.J

31

32 waVN

I i,11 I
27 W8VN 11.491.4831.094 .'80 84.75

I j I] .J
33 WaVN

la. The. models had theoratlallv round L.E.'s inboard but
wer. analvz~ 8S sharp beau.. of small slz. of model end
smell tic.

(b) This Information Is c1..lfllid CONFIDENTIAl.
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TABLE 4.1.3.3-C

SUBSONIC WtN~IFT VARIATION W1TH ANGLE OF ATTACK

CRANKED WINGS

DATA SUMMARY

ALE ALE
IR1 MAC •

d
CL CL

_.
A, A.

, • !
.10-6

a
Ref. Con'lg. A 'IB C"'I ''''1 ii e LER M C...I Co'e T_ Error

2B WBV 4.00 .15BO .&17 .800 49.2 8.8 .'38 .08 Round .80 2.& B 0.883 0.600 10.6

I j I
.2 0.728 0,676 7.&
18 0.910 O.B25 10.3

20 1.081 0.926 16.9
.88 2.86 81 0.668 0.630 6.3

I I I
I

12 .0.734 0.690 6.4

. '6 0.924 0.865 6.B

I I I 20 1.0B9 0.996 10.6

II I ~
.90 2.81 8 0.603 0.630 13.B

I I 12 0.784 0.730 8.B

34 WB 2.91 .333 .600 .500' 87.01 81.7 .138 .04- Round .80 2.20 8 0.372 0.370 0.6
.03

I

I
I I 12 0.644 0.676 ·6.4

.90 2.94 8 0.428 0.390 9.7

I I '2 0.831 0.686 7.B

I .90 3.30 B '0.477 0.406 17.8

. I I 12 0.701 0.810 14.9
y,'e/ WB 2.91 .841 .&25 .800 63.'3 32.1& .'47 .08- Round .80 1.50 8 0.444 0.480 . 7.6

.03

j 12 0.818 0.688 -10,&

1& 0.784 0.836 - 4.9
20 0.662 0.880 9.3

.90 8 0.497 0,606 • 1.8

J
'2 0.893 Q,693 0
16 0._ 0.909 11.0
20 1.098 o.auo 24.8

.90 8 0.860 0.605 10.9

I '2 0.772 0.698 10.6

I
1& 1.006 0.824 22.0
20 '.217 0.9161 32.9

WB 2.91 .841 .425 .400 53,13 43.22 .147 .08- R...nd .80 1.B 8 0.43& 0.600 -13.0
.03

I j '2 0.802 0.710 -16.2
1& 0.774 0.840 ·7.9
20 0.937 O.BOO 4.1

I
.90 8- 0.462 0.616 ·12.2

I 12 0.631 0.710 ·11.1

I
16 0.818 1),826 ~ 0.8

I20 0.891 0.860 1&.2
.90 8 0._ 0.640 4.4

I I 12 0.778 0.716 &.6 i
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TABLE 4.1.3.3-C IContd)

ALE ALE Rt MAC •CL CL PercentI • d !. a
Ref. Config. A X, X. 11. (""1 I...,) b c LER M x 10-6 (..." Cole. Test Error

37 W 5.20 .339 .268 .379 60.0 25.Q .141 0.46- Round .13 2.65 8 0.490 .505 · 3.0

I J J J I I

I
0.60

I 1 I I I I 12 0.647 0,695 ·5.9

16 0.811 .•75 · 7.3
20 0.969 .060 · 7.7

38 W.V 8.47 .197 .386 .212 76.0 16.0 .062 - Round .20 3.6 8 0.472

j I I I I j I I I I I I I 12 0.594

16 0.721 Ib)

39 w. 6.18 .29' .463 .308 65.0 12.0 ;.066 0.06- Round .50 .73 8 0.612

I I I I I I I I I 0.02 I I I 12 0.664

lal Notched leedlng edge 1: 1.1
10.6%Av.~Error • -- •

(bl This information is classified CONFIDENTIAL.
n
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TABLE 4. 1.3.~O

SUBSONIC WlNG·LIFT VARIATION WITH ANGLE OF ATTACK
CURVED (GOTHIC AND OGEE) WINGS

DATA SUMMARY AND SUBSTANTIATION

t R
tow lMAC a C

L CL
•

d c Percent

Rot. Conftg. Pl.nform A 2I • b (root) M x ,oe (dog) C.lc:. T_ Error

29 WI Ogoo 1.2 .300 .600 .133 .06 .4 1.7 4 .136 .132 3.0

I 8 .2B8 .285 1.1

12 .485 .485 0
.7 4 .136 .132 3.0

I I .281 .297 ·3.0
12 .488 .488 -4.7

.8 4 .136 .138 ·2.2

j I .2B8 .306 ·6.6
12 .466 .499 ·6.6

40 WI Ogoo 2.00 .640 .640 .080 .03 .8 8.9 4 .183 .19 ·3.7

I I I I I I I I • t 8 .388 .386 .3
41 WI Ogoo 1.81 .460 .456 .127 .02 .7 0.58 4 .161 .19 -12.1

I I I I I I I I I I 8 .352 .40 ·12.0
9 W, Gothic: .86 .260 .667 .... .01 .1 2.9 4 .126 .120 4.2

I I I I I I I ! J

8 .263 .260 1.2
12 .426 .425 0

18 .805 .805 0
W2 Gothic: 1.00 .333 .667 ... .01 .1 2.9 4 .144 .140 2.9

I j J I 8 .303 .310 ·2.3
12 .490 .400 0

16 .691 .880 2.8

13 1.26 .417 .667 4 .161 .160 7.3

I I I 8 .338 .326 4.3
12 .549 .532 3.2

l'
.94 .306 .861 4 .138 .140 ·1.4

I I I 8 .293 .290 1.0
12 .410 .485 1.1

16 .668 .669 1.4
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TABLE 4.1.3.3-0 (Conldl

l--.-__-"-n ~

-
t R

IMAC •
"w e- a CL CL

p.,eenl
..!l...

Ref. Confle. Plenform A 2i • b (rOOl) M • t08
1"'1 Celc. T.., Error

9 Ws GOlhlc t.01 .333 .641 ._. .01 ., 2.9 4 .'44 .149 -3.4

I j I J j I ! I I
8 .303 .312 ·2.9

12 .490 .500 -2.0

18 .898 .698 0
Wl1 Gothic 1.13 .333 .689 ... .0' ., 2.9 4 .144 .160 -4.0

J I I j J ! J J !
8 .303 .320 ·6.3

12 .490 .609 ·3.1

16 .898 .706 -1.0
W,2 Gothic .16 .260 .658 ... .0' .1 2.9 4 .125 . t 19 S.O

! I I ! ! 1
8 .286 .280 1.9

'2 .426 .423 .6

'6 .60S .60S .6
42 W Ogoe .921 .209 .460 .'8 4 .114 .101 12.9

1 1 1 1 1 j 1

8 .240 .230 4.3

12 .388 .312 4.3

18 .553 .626 6.3
20 .722 .683 6.1

I: I • I
Aver. Error· • 3.4%
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TABLE 4.1.3.3-E
SUPERSONIC WING· LIFT VARIATION WITH ANGLE OF ATTACK

SUBSONIC LEADING EDGE
DATA SUMMARY AND$lJBSTANTIATION

"lE 6 a cl cl •Airfoil hreen.
RoI. A ldot) X _Ion I"" M II I...' Calc. Toot ErTor

-
11 1.37 83 1.0 8iconvItX 15 1.66 1.18 10 0.331 0.368 -7.5

ItI.· .081

J J I I I 1 I
20 0.686 0.122 -5.1

I 30 0.959 0.94" 1.6

I 40 1.091 1.006 8.5

12 2 83._ C Biconv•• 12.61 1.91 1.70 10 0.344 0.335 2.7
ItI.· .061 I

j 1 j j
20 0.679 0.630 7.8

30 0,912 0.868 8.3

40 1.030 0.98' 5.0

60 1.030 0.958 7.5

18 1,13 86.8 0 65A003 18.8 2.'" 2.19 5 0.123 0.132 -8.8

1 i 1
I I 1 1 1

10 0.270 0.288 0.7

;5 0._ 0.387 _.-
II 20 0.520 0.498 -.-

18 0.315 84.8 0 Mod Bicon 35 1.98 1.89 10 0.162 0.1e 1.2
ItI.· .041

I I I I
20 11381 0.38 1.8

30 0.59_ 0.68 2._

40 0.744 0.726 2.8

19 0.315 84.8 0 ModBlcon 35 3.30 3.1_ 10 0.138 0.131 5.3

I
Ctl. ·.041

I I I I I 1 1

20 0.311 0.30 3.6

30 0._ 0.473 3.2

40 0.841 0.82 3._

19 1 18 0 ModS..... 16.5 1.98 1.119 10 0.276 0.284 _.2

I
W.· .041

1I I I 1 1

20 0.582 0.55 2.2

30 11188 0.779 -1.2

40 0.814 0.892 -2.0

1:1.1
Aver... error • -_. -4."

n
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TAILE 4.1.3.3-F
SUPERSONIC WING·LIFT VARIATION WITH ANGLE OF ATTACK

WITH TRANSITION FROM ATTACHED TO DETACHED SHOCK
DATA SUMMARY AND SUBSTANTIATION

--

ALE CL CL
•Airfoil 6 C1 Percent

Ro!. A ldool X Soctlo. I...' M (3 1"'1 Cllc. T_ Error

.2 2 0 1.0 Biconvex 6 1.97 1.7 5 0.176 0.179 -1.6
It/e· .061

10 0.356 0.364 -2.2

16.S- 0.636 0.622 2.2

25 0.663 0.861 2.6

35 1.024 1.023 0.1

'5 1.066 1.075 1.2

13 2.31 60 0 Mod. D.W. 2' 6.9 6.82 3 0.031 0.0349 -11.2
Itle· .081

6.4- 0.070 0.077 -9.1

12 0.143 0.147 -2.7

20 0.287 0.277 3.6

28 0.465 0.46 1.1

15 4 45 0 Biconve. 8 2.46 2.24 3 0.093 0.0927 0.3
Itle· .061

7' 0.218 0.218 0

12 0.378 0.367 3.0

18 0.573 0.542 5.7

25 0.724 0.688 5.2

35 0.872 0.892 -2.2

45 0.958 0.988 -3.0

'5 2 0 I 1.0 Blconve. 8 2.46 2.24 10 0.281 0.290 -3:,I Itle· .06)I, 20 0.586 0.61 -4.1

23.8- 0.718 'l.731 -1.8

35 0.90 0.942 -4.4

45 0.992 1.026 -3.3

I:I.I
Aver. Error· __ .. 2.8%

•
-Angle 'Of lncl~.nt shock det-mment
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TABLE 4.1.3.J.G

SUPERSONIC WING-LIFT VARIATION WITH ANGLE OF ATTACK

DETACHED LEADING-EDGE SHOCK

DATA SU_ARY AND SUBSTANTIATION

•
ALE Airfoil 6 a

CL CL p.......

Ref. A IdoeI A SectIon IdoeI M II ldeol CeIc:. T.. Em><

211 I. M 0 Mod. Fl. pt. 21 2.32 2.1 10 0.272 0.287 -&.2

I I 1
It/.· .021

I I !
20 0.614 0.562 3.6

I l 30 0.836 0.810 3._

40 1.0 0.965 3.6

211 - 46 0 Mod. FletPI. 20 2.32 2.1 10 0.298 0.320 -6.8

I I I I
ItI.·o.3I

I I I
20 0.625 0.642 -2.6

I 30 0.905 0.936 ·3.3

40 1.075 1.060 1.4

11 1.76 36 1.0 BIconve. '5 1.55 1.18 '0 0.399 0._ -1.2

I I I I
ItI.· .111

I I I
20 0.765 0.810 ·5.6

I 30 0.981 1.030 -4.8
_0 1.013 1.015 -&.8

12 - 46 0 Btcomtex B 1.97 1.70 5 0.202 0.20 '.0

I J

(tI.· .Olil

1 J I
15 0.602 0.56 7.5

1 I I 25 0.895 0.835 7.2
35 1.024 1.024 I 0
_5 1.053 1.068 -3.2

13 1.62 68 0 Mod.D.W. 31 6.90 6.82 6 0._ 0._ 0

J I I !
ItI.· .081

I I I
12 0.134 0.133 0.6

l '6 0.199 0.190 _.7,
20 0.278 0.267 8.2
2_ 0.360 0.333 8.1

13 1.28 72.1 0 Mod.D.W. I 36 6.90 6.82 8 0.077 0.071 8._
ItI.· .081

I
0.124

I I I
1

I
12 0.117 6.0

t
'6 0.180 0.174 3._

I
20 0.2.. 0.243 0._
2_ 0.309 0.32 -3._

I 28 0.372 0.40 ·7.0
13 0.7 so 0 Mod.D.W. 52 6.90- 6.82 8 0.066 0.056 12.0

ItI.· .081

I
'2 0.110 0.102 7.8

1 1 I 1 1
16 0.164 0.168 3.8
20 0.226 0.220 n
2_ 0.282 0.288 1.4

28 0.381 0.358 6.1
15 2 63.4 0 BlcorNex 12.6 2.46 2.24 10 0.278 0.276 0.7

1 ! 1 1

(tI.· .051

I 1 1
20 0.619 0.517 0._

I 30 0.701 0.726 -3._

40 0.856 0.904 -&.3
50 0.919 0.961 -3._

16 3 53 0 61iA003 11 2.41 2.19 5 0.160 0.154 ·2.6

I I 1 1 1 ! 1 !
10 0.311 0.296 5.0,. 0.458 0.443 3._

20 0.582 0.559 _.1

I: I • I
- 4.1"-Av•• Error - ---

n
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SUBSONIC SPEEDS

R1" 1 x lOs to 15 X 108 based on MAC
(symmetric airfoils)
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FIGURE 4.1.3.3-55a SUBSONIC LIFT VARIATION WITH ANGLE OF ATTACK

Based on data of ref. 3 and 4
Angle of attack· 900
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FIGURE 4.1.3.3-55b SUBSONIC LIFT VARIATION WITH WING ASPECT RATIO AT 900 ANGLE OF
ATTACK
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SUBSONIC SPEEDS
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FIGURE 4.1.3.3-56 PREDICTION OF NONLINEAR LIFT OF DOUBLE-DELTA PLANFORMS AT

SUBSONIC SPEEDS
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SUBSONIC SPEEDS
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FIGURE 4.1.3.3-57 CORRELATION OF a break FOR CRANKED PLANFORMS OF ASPECT

RAnos GREATER THAN 3 AND HAVING ROUND-NOSED AIRFOILS
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SUBSONIC SPEEDS
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FIGURE 4.1.3.3-58 CORRELATION OF LIFT CURVES OF GOTHIC AND OGEE PLANFORMS
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SUPERSONIC SPEEDS
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FIGURE 4.1 .3.3-59a THICKNESS CORRECTION FACTOR FOR SUPERSONIC
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4. L:1.4 WING MAXIMUM LIFT

Methods arc presented in this section for estimating the m?ximum lift of wings at subsonic,
transonic, supersonic, and hypersonic speeds.

A. SUBSONIC

At subsonic speeds the wing maximum lift of high-aspect-ratio wings is directly related to the
maximum lift of the wing airfoil section, with planform geometry of secondary importance,
However, as the wing aspect ratio decreases, the wing planform shape becomes increasingly more
significant. This is especially true for low-aspect-ratio delta-wing or non-straight-tapered planforms
where leading-edge vortex effects are prevalent.

The complexity of modern wing designs (twisted wings with varying airfoil sections) precludes the
application of empirical methods that yield consisten tly good results, Thus, the use of more exact
theory is necessary for estimating maximum lift. Method I presented below requires the user to
employ the most accurate wing spanwise-Ioading computer program available. In case no such
program is available to the user, two additional empirical methods are presented. Method 2 is
applicable to high-aspect-ratio configurations with constant-section untwisted wings. Method 3 is
applicable to low-aspect-ratio ,configurations with constant-section untwisted wings.

Wing lift characteristics do not change discontinuously from one aspect-ratio regime to another.
However, because of the different approaches used in Methods 2 and 3, values calculated by
Method 2 will not necessarily match exactly the values of Method 3 for a border-line aspect-ratio
configuration.

In general, however, the differences in values obtained by the two methods for the border-line
aspect ratios should be small.

Flow Separation and Stalling Characteristics

For high-aspect-ratio wings, the three-dimensional maximum lift and stalling characteristics are, as a
first approximation, determined by section properties (see Sections 4.1.1.3 and 4.1.1.4). There are,
however, certain three-dimensional effects that may become important. These include the spanwise
variations of induced camber and angle of attack, and the effect of spanwise pressure gradient on
the boundary layer.

Because of these effects, the stall of three-dimensional wings, even untwisted wings of constant
airfoil section, usually starts :it some spanwise station and rapidly spreads with increasing angle of
attack. Highly tapered wings tend to stall at the tips, while untapered wings tend to stall at the root.

On swept wings the induced effects combine to promote stall at the tip. The induced camber at the
tip is negative and the induced angle of attack is high. The spanwise pressure gradient tends to draw
the boundary layer f'rom the wing root to the tip. All of these factcrs promote separation at the
wing tip and suppress it at the roo!. It is therefore very difficult to prevent tip separation at high
angles of attack or. highly swept wings.

Regardless of where the sep((raiior. fir~t appears, it is the type of separation that determines the
maximum lift. Trailing-edge separation, which is ehalacteristic of thick wings, always results in a
loss in maximum lift compared to the airfoil-section maximum lift. Leading-edge separation, where
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the llow rolls up into a spanwise vortex, as on thin swept wings, results in an increase in normal
force. The magnitude of the increase is related to the strength of the leading-edge vortex. These
effects are illustrated by the variations of maximum lift with wing thickness at high sweep angles, as
shown in Figure 4.1.3.4-21 a. For more details regarding wing flow separation and stalling
characteristics, the reader is referred to References I and 2.

Reynolds-Number Effects

The salient aspects of the Reynolds-number discussion presented in Reference 2 are presented
below. From the available test data results, there appear to be essential differences between the
Reynolds-number effects of thin airfoils (t/c '" 0.06), of moderately thick airfoils (t/c '" 0.12), and
of thick airfoils (t/c '" 0.18).

TIle maximum lift of thin airfoils is relatively constant up to a Reynolds number of 10 x lo'i; but
when this Reynolds number is exceeded, the value of maximum lift begins to increase.

With moderately thick airfoils a very large increase of the maximum lift with increasing Reynolds
number is found at low Reynolds numbers. However, at Reynolds numbers above 4 to 6 x 1O~ the
maximum lift tends to remain about constant.

The maximum lift of thick airfoils increases gradually up to high Reynolds numbers. At Reynolds
numbers above 15 x 106 , the maximum lift tends to remain constant.

Mach-Number Effects

Mach-number effects on the maximum lift of unswept, thick wings are quite severe, starting as low
as M = 0.15. This is to be expected from the analogy with section characteristics (see Section
4.1.1.4). For swept wings the losses due to Mach number are much less than they are for straight
wings of a given thickness.

Mach-number effects are due in part to the larger pressure gradients associated with compressible
flow. These larger pressure gradients can cause the boundary layer to separate at a lower lift value,
thus resulting in a lower maximum lift with increasing Mach number. Large decreases in maximum
lift can be related to the problem of shock-induced separation. For a complete discussion of the
compressibility effects, the reader iS'referred to Reference 3.

interference Effects

It must be recognized that the maximum lift of the wing alone, as given in this section, may be
substantially altered by interference effects. The addition of fuselages, nacelles, pylons, and other
protuberances can markedly change the aerodynamic characteristics of a given configuration near
the stall. Interference effects of this type are discussed in Section 4.3.1.4.

DATCOM METHODS

Method I

The following method requires that the user have at his disposal an accurate wing spanwise-loading
computer program, e.g., a lifting-surface theory computer program. If no such computer program is
available, Methods 2 and 3 may be used to approximate the wing maximum lift.
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Method I is limited to moderately swept configurations where leading-edge vortex effects are not
significant. In addition, the spanwise location where stall is first detected should be limited to one
local chord-length away from the wing root and tip sections.

Applica tion of the method is as follows;

Step I. Determine the section c'max across the entire span of the wing, based on the
appropriate Mach number and local Reynolds number, using Section 4.L1.4. If
section test data are available, they should be used whenever possible, and the
appropriate corrections made for Mach number, Reynolds number, and surfac..,
roughness as given in Section 4.1.1.4.

Step 2. Plot the section c'm" from Step I as a function of spanwise station 1) (see Sketch
(a) ).

INITIAL STALL

I 11.0
CL '" - b c, c d1)

max S 0

-1---14°

10°----1---
c,

a 1)

SKETCH (a)

1.0

Step 3. Apply the wing spanwise-loading method over a range of angle of attack until a value
of the local wing loading coincides or exceeds the local wing c'max calculated from
Step I (see Sketch (a». The angle of attack at which the spanwise loading coincides
with the calculated c'max value determines the angle of attack and span wise
position for initial stall. An approximate spanwise location where the stall will first
OCcur can be calculated for an untwisted, tapered wing by

" =1-;\"stall

where ;\ is the wing taper ratio.

4.1.3.4-a

Step 4. Integrate the spanwise loading that coincides with the calculated c'max value to
obtain the wing CLmax value.

Although no substantiation of this method is presented, design experience has shown that the
accuracy of this method is superior to that of both Methods 2 and 3.

4.1.3.4-3



Method 2

The following method is derived empirically, based On the experimental data of References 4
through 10. This method should therefore be restricted to those untwisted, constant-section,
straight-tapered, high-aspect-ratio configurations that satisfy the following relationship:

4
A>----

(C\ + I) cos ALE

where

A is the wing aspect ratio.

C\ is given as a function of taper ratio in Figure 4.1.3.4-24b.

ALE is the sweep of the wing leading edge.

Border-line configurations are those that satisfy the following relationship:

For these aspect ratios either Method 2 or Method 3 may be used.

4.1.3.4-b

4.1.3.4-c

If neither Equation 4.1.3.4-b nor -c is satisfied, the low-aspect-ratio procedure presented in
Method 3 may be used.

The subsonic maximum lift and angle of attack for maximum lift for those untwisted,
constant-section, high-aspect-ratio configurations that satisfy Equation 4.1.3.4-b or -c are given as
follows:

4.1.3.4-d

4.1.3.4-0

The first term on the right side of Equation 4.1.3.4-d is the maximum lift coefficient at M ; 0.2,
and the second term is the lift increment to be added for Mach numbers between 0.2 and 0.6.

is obtained from Figure 4.1.3.4-21a.
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the value of elm • x calculated from Equation 4.1.3.4-<1 is used as the

c is the section maximum lift coefficient at M = 0.2 obtained from Tables 4.I.I-A,IO!max
-B, or from Section 4.1.1.4.

.1Clm •x is a Mach-number correction obtained from Figure 4.1.3.4-22.

Cl • is the wing lift-curve slope (per degree) for the Mach number under consideration,
obtained fro"t test data or Section 4.1.3.2.

is the wing zero-lift angle for the appropriate Mach number, obtained from test data
or Section 4.1.3.1.

&>e
lm

•
x

is obtained from Figure 4.1.3.4-2Ib. Note that this figure is valid for all subsonic
Mach numbers up to 0.6.

The leading-edge param etcr liy, which does not explIct tly appear in the equations, must be used In

reading values from the charts. The value of .1y is for a streamwise airfoil section and is expressed
in percent chord and obtained or approximated from Figure 2.2.1-8.

In calculating "Cl
m.x

numerator of the first term of Equation 4.1.3.4..,.

A comparison of test values of Cl and "cl (based on the calculated Cl value) withmax max max

the corresponding values calculated by this method is shown in Table 4.1.3 .4-A.

Method 3.

The following is an empirically derived method (Reference II) that is applicable to untwisted,
symmetrical-section, low-aspect-ratio wings.

Low-aspect-ratio wings at subsonic speeds exhibit extreme nonlinearities in the lift curve at high
angles of attack, as shown in the accompanying sketch. Multiple lift peaks exist for many
configurations. The charts of this section are for the first peak, as shown by the arrows in
Sketch (b).

A = 0.25

A = 1.0
A = 0.53 t--

A = 00 (2-D/M.)

FOR COMPARISON

A = 0 (THEORY)

SKETCH (b)
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For thin, low-aspect-ratio wings, Reynolds-number effects are small. Within the Reynolds-number
and thickness limitations listed on Figures 4. i.3 .4-23 through -25. Reynolds number is considered
to have no effect.

This method is applicable to those low-aspect-ratio configurations (witho~t considering Mach
number effects) that satisfy the following relationship:

A< 3
(C) + I) cos ALE

where

A is the wing aspect ratio.

C
1

is given as a function of taper ratio in Figure 4.1.3.4-24b.

ALE is the sweep of the wing leading edge.

Border-line confIgUrations are those that satisfy the following relationship:

For these aspect ratios either Method 2 or Method 3 may be used.

4.1.3.4-f

4.1.3.4-c

If neither Equation 4.1.3.4-f nor 4.1.3.4-c is satisified, the high-aspect-ratio procedure presented in
Method 2 may be used.

The subsonic maximum lift and angle of attack for maximum lift for those untwisted,
symmetrical-section, low-aspect-ratio configurations that satisfy Equation 4.1.3.4-f or -c are given as
follows:

4.I,3.4-g

4.1.3.4-h

where

is the base value of CLmax 'obtained from Figure 4.1.3.4-23a if the position of
maximum airfoil-section thickness is forward of the 35-percent-chord point. If
the maximum thickness is aft of this point, Figure 4.1.3.4-:l3b is used. For
slab-sided wings the maximum-thickness point is considered to be the first
chord-point at which the thickness reaches a maximum. The value of t:.y, the
leading-edge parameter used in reading these two charts, is obtained or
approximated with the aid of Figure 2.2.1-8.

4.1.3.4-6



is the change in the base maximum-lift value. It is obtained from Figure
4.1.3.4-24a as a function of taper ratio, aspect ratio. leading-edge sweep. and
Mach number.

&!CLmax

is the base value of "'CL obtained from Figure 4.1.3.4-25a. It is a function
of aspect ratio, taper rall'g~)eading-edgesweep, and Mach number.

is the change in the base value of angle of attack at maximum lift. It is obtained
from Figure 4.1.3.4-25b as a function of taper ratio. aspect ratio, leading-edge
sweep, and Mach number.

A comparison of test values of CLmax and

this method (where "'CL
4.1.3.4-B. max

is based on

"'CL with the corresponding values calculated bymax
the calculated CLm,x value) is shown in Table

Sample Problems

1. Method 2

Given: The following high-aspect-ratio configuration.

A = 5.0 A = 0.565

Airfoil: NACA MAO I 0 (free-stream direction)

CL~ = 0.061 per deg

Compute:

'" = 0o M = 0.4

Determine if the above configuration satisfies the high-aspect-ratio requirement for Method 2,
as stipulated in Equation 4.1 .3.4-b; i.e.,

4
A>------

(C1 + I) cos ALE

C1 = 0.24 (Figure 4.1.3.4-24b)

4

A = 5.0> 4.69

4
= --,---,...,--..,----..,---::;:

(0.24 + 1.0) cos 46.60

4

(1.24)(0.6871)
4.69

The high-aspect-ratio requirement is satisfied; therefore, Method 2 is applicable to the above
configuration.

Determine the maximum lift coefficient at M = 0.40

t.y = 2.12% c (Figure 2.2.1-8)

4.1.3.4-7



c'max = 1.23 (Table 4.1.I-B)

= 0.83 (Figure 4.1.3.4-21 a)

t.CLmax = -0.053 (Figure 4.1.3.4-22, interpolated)

= (~Lmax)
Qmax

(Equation 4.1.3.4-<1)

= (0.83)( 1.23) + (-0.053)

= 1.02 - 0.053

= 0.97

Determine the angle of attack at the wing maximum lift

&xc = 6.70 (Figure 4.1.3.4-21 b)Lmax

(Equation 4.1.3.4ce)

0.97
= --+0+6.7

0.061

= 15.9+6.7

2. Method 3

Given: The following low-aspect-ratio configuration.

A = 1.0 A = 45 0
LE }.. = 0.3

Airfoil: NACA 0005 (free-stream direction)

Maximum thickness @ 30% chord

Compute:

M = 0.6

Determine if the above configuration satisfies the low-aspect-ratio requirement for Method 3 as
stipulated in Equation 4.1.3.4-f; Le.,

3
A < -----,---=--

(C I + I) cos ALE

4.1.3.4-8



C
1

= 0.5 (Figure 4.1.3.4-24b)

3

A = 1<283

3 3
------ = = 2.83
(0.5 + 1.0) cos 45 0 (1.5)(0.7071)

The low-aspect-ratio requirement is satisfied; therefore, Method 3 is applicable to the above
configuration.

Determine the maximum-lift coefficient at M = 0.6

~y = 1.37% c (Figure 2.2.1-8)

C2 = 0.91 (Figure 4.1.3.4-24b)

A 1
(C

1
+ 1)-cosAlE = (0.5+ 1.0)- cos 45 0 = 1.326

fJ 0.80

(Cl ) = 1.12 (Figure 4.1.3.4- 23a)
max base

(C 2 + I) A tan ALE = (0.91 + 1.0)(1) tan 450 = 1.91

~Clmax =-0.08 (Figure 4.1.3.4-24a)

Cl = (Cl ) + ~Cl (Equation 4.1.3.4-g)max max base max

= 1.12 - 0.08

1.04

Determine the angle of attack at the wing maximum lift

(ar ) = 30.8 0 (Figure 4.1.3.4-25a)
Lmax base

A cos ALE [I + (2;\)2 ] = 1.0 COS 45 0 ! 1 + (0.6)2 J = 0.962

~C = 3.50 (Figure 4.1.3.4-25b)L max

= (aCl ) + ~C
max base Lmax

30.~ + 3.5

(Equation 4.1.3 .4-h)
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B. TRANSONIC

No method for high-aspect-ratio wings is presented herein in the transonic speed regime. However,
for low-aspect-ratio wings an empirical method is presented.

For low-aspect-ratio wings, the maximum lift at transonic speeds was found to be basically a
function of the same variables that were used in the subsonic speed regime (see References 12
through 15). Therefore, the design charts for the transonic speed regime are based on the subsonic
design charts.

It should be noted that the transonic maximum-lift coefficient of thick wings may be limited by
adverse pitching-moment variations and severe buffeting.

Both of these limitations are associated with extensive flow separation arising from compressibility,
shock waves, and adverse pressure gradients.

DATCOM METHOD

The maximum lift and angle of attack at maximum lift for untwisted, symmetrical-section,
low-aspect-ratio configurations are determined for Mach numbers between 0.6 and 1.2 by the
following procedure:

Step I. Calculate the maximum lift and angle of attack at maximum lift for the wing under
consideration at M = 0.6 by using Method 3 of Paragraph A of this section.

Step 2. Determine the increments in maximum lift and angle of attack at maximum lift at
the desired Mach number from Figures 4.1.3.4-26a through -26c. These increments
are then added directly to the values obtained at M = 0.6 in Step I; i.e.,

(<>c ) = (Otc ) + tJu.
lmax M Lmax M-O.6 Clmax

4.1.3.4-i

4.1.3.4-j

A comparison of experimental data with results based on this method is presented in
Table 4. 1.3.4,(;.

sample Problem

Given: The same low-aspect-ratio configuration used in Sample Problem 2 of Paragraph A.

A = 1.0

Airfoil NACA 0005

. 4.1.3 .4-10
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Sample Problem 2, Paragraph A

C2 = 0.91

C
I

= 0.50

M = 1.0

Compute:

(C2 + I) A tan ALE = (0.91 + 1)(1.0)(1.0) = 1.91

C
3

= 1.0 (Figure 4.1.3.4-26b)

C3 (C I + I) A cos ALE = (1.0)(0.50 + 1)(1.0)(0.7071) = 1.06

AC Lm " = 0 (Figure 4.1.3.4-26a)

(C
I

+ I)AcosALE = (0.50+ 1)(1.0)(0.7071) = 1.06

&<C = 0.5 0
Lmax

Solution:

(Figure 4.1.3.4-26c)

= 1.04+ C

=: 1.04

aCLm•x = (ac ) + A_.
Lmax M"'O.6 L.JU:CL max

= 34.3 + 0.5

= 34.8 0

C. SUPERSONIC

(Equation 4.1.3.4-j)

At supersonic speeds the lift is limited by geometric considerations rather than by flow separation.
That is, maximum lift is reached when the component of the normal force in the lift direction
ceases to increase with angle of attack.

4.1.3.4-11



The governing geometric parameters for the determination of maximum lift are those that influence
the wing lift-curve slope; i.e., aspect ratio, sweep, taper ratio, and Mach number. It is therefore
logical that a good correlating term might include the lift-i:urve slope. One such parameter that gives
good results and is used here is CN.I(4/1J).

DATCOM METHOD

For the supersonic case the most accurate way of determining the wing maximum lift is by
calculating the normal-force curve (using Sections 4.1.3.2 and 4.1.3.3) and converting it to a lift
curve by means of the relationship CL = C~ cos IX. However, design charts are presented herein for
a more rapid procedure of estimating the wing maximum lift.

For Mach numbers greater than 1.4, the supersonic maximum lift and angle of attack at maximum
lift may be approximated using Figures 4.1.3.4-27a and -27b. These figures are based on empirical
data taken from References 16 through 26, and are presented as a function of CN and Mach
number (IJ = J M2 -- I). The lift-curve slope CNG is obtained from test data or fromGparagraph C
of Section 4.1.3.2.

A comparison of experimental data with results based on this method is presented In Table
4.1.3.4-D.

Sample Problem

Given: The configuration of Reference 18.

A = 1.96

Compute:

= J (2.32)2 - I

= 2.093

M = 2.32

I

M
=

I

2.32
= 0.431

eNG (1.72)(2.093)
-- = = 0.900 per rad
4/1J 4

Solution:

CLm" = 1.02 (Figure 4.1.3.4-27a)

IXCL = 41.40 (Figure 4.1.3.4-27b)
mox

These compare with test values of CLm•x

4.1.3.4-12
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D. HYPERSONIC

The supersonic method of Paragraph C above is used to estimate Clmox and "'elm" at

hypersonic speeds. The parameters that affect Clm" at the lower hypersonic Mach numbers are
the same as those for the supersonic speeds, i.e., planform parameters. At high hypersonic speeds,
Clm.. IS determined primarily by flow impact on the wing lower surface. Newtonian flow theory
thus provides a reasonable approximation for Clm.. values in this speed range. The high
hypersonic limit (11M -> 0) of Figures 4.1.3.4-27a and 4.1.3.4-27b is derived using the Newtonian
equation

2 sin 2 a cos 0::'
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TABLE 4.1.3.4·A
HIGH·ASpeCT-RATlO WINGS AT SUBSONIC sPEEDS

DATA SUMMARY AND SUBSTANTIATION

IJ.v ALE CLmax a:CLmax CLmax
·c Percent Error, e

Lmax

Ref. tic A I%c) ldegl M AxHr-6 Calc. Calc. T", Test CL maK ·cLmax

4 0. 12 4.0 2.55 42 0.2 2.0 1.02 23.1 0.98 23 4.1 0.4

~ ~ ~ ~ ~
0.4 3.0 0.93 21.0 0.92 22 1.1 -4.5

0.6 4.0 0.88 19.6 0.85 20 3.5 -2.0

5 0.075 5.0 1.6 47 0.2 2.0 0.95 23.8 0.98 25 -3.1 -4.8

~ f f f
,

0.4 2.0 0.91 22.0 0.95 24 -4.2 -5.0

~ 0.6 2.0 0.91 22.0 0.89 21 2.2 5.2

6 0.11 7.0 2.3 42 0.25 2.0 1.05 19.2 1.07 25.5 -1.9 -24.7

! 0.10 6.0 2.1 47 0.25 2.0 1.04 21.6 1.06 24 -1.9 -10.0

0.11 7.0 2.8 42 0.25 2.0 1.02 17.7 1.03 17.5 -1.0 1.1

0.10 6.0 2.6 47 0.25 2.0 1.00 19.7 1.09 22 -8.3 -10.5

7 0. 12 8.0 2.65 46 0.2 4.0 0.98 20.0 1.02 21 -3.9 ~4.8

8 0.06 4.0 1.2 37 0.6 0.4 0.83 18.6 0.73 19 13.7 -2.1

~ ~ ~ ~
47 0.6 0.4 0.92 22.7 0.82 23 12.2 -1.3

61 0.6 0.4 0.98 29.0 0.89 29 10.1 0

9 0. 12 8.02 2.65 46.3 0.19 4.0 0.94 19.0 1.01 21 -6.9 -9.5

10 0. 12 8.02 2.65 46.3 0.07 1.5 0.94 19.0 0.90 18 4.4 5.6

1 I I I
J

0.11 2.2 0.94

I
0.97 20 -3.1 -5.0

0.14 3.0 0.94 1.01 22 -6.9 -13.6

~
0.19 4.0 0.94 1.01 21 -6.9 -9.5

0.25 4.8 0.94 1.01 21 -6.9 -9.5

Elel
Average Error in CLmax

. - . 5.3%
n

Elel
Average Error in O::C

L
. - "" 6.5%

max n
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TABLE 4.1.3.4-8
LOW-AspeCT·RATIO WINGS AT SU8S0NIC sPeeDs

DATA SUMMARY AND SUBSTANTIATION

Airfoil %e@ IJ.v ALE CLmax ctcLmax CLmax
OlCLmax

Percent Error, e

Ref. Section ltIc)mu (%-01 A (dog) M Calc. Calc. Test Test CLmax OlCL
max

15 65AOO3 >35 0.60 4.0 45.0 0.6 0.83 20.2 0.87 21.0 -4.6 -3.8

I I j I
4.0 51.3

j
0.89 21.7 0.94 22.0 -5.3 -1.4

4.0 36.8 0.78 19.9 0.83 20.0 -6.0 -0.5

4.0 26.6 0.72 20.4 0.79 24.0 -8.9 -15.0

4.0 14.0 0.70 22.1 0.70 20.0 0 10.5

12 63AOO6 35 1.34 2.0 0 0.4 0.77 19.3 0.75 17.6 2.7 9.7

~
63AOO4 35 0.91 1.5 0 0.6 0.85 23.4 0.89 23.5 -4.5 -0.4

63AOO4 35 0.91 2.0 0 0.4 0.79 19.3 0.77 17.6 2.6 9.7

13 63AOO4 35 0.91 2.0 18.5 0.6 0.74 22.5 0.79 19.4 -6.3 16.0

27 65AOO6 >35 1.17 4.0 45.0 0.2 1.01 25.3 1.01 25.0 0 1.2

t 65AOO6 >35 1.17 4.0 48.6 0.2 1.08 25.9 1.09 25.0 -0.9 3.6

28 OW' <35 0.30 2.0 63.4 - 1.41 34.7. 1.40 36.0 0.7 -3.6

29 0005 <35 1.34 2.0 63.4 0.13 1.30 34.7 1.32 34.5 -1.5 0.6

0005 <35 1.34
I

3.0 53.2 0.85 26.2 0.94 24.0 1.0 9.230 -

31 FP' <35 0.36 0.03 0 0.08 0.73 44.9 0.69 46.0 5.8 -2.4

0.53 0.134 0.92 44.7 0.83 48.5 10.8 -7.8

0.86 0.35 1.12 43.9 1.16 41.5 -3.4 5.8

1.03 0.50 1.16 43.0 1.26 41.5 -7.9 3.6

I
1.14 0.66 1.20 41.7 1.31 40.5 -8.4 3.0

1.46 I1.00 1.16 37.2 1.29 39.0 -10.1 -4.6

1.62 1.25 1.1)5 31.0 1.16 30.5 -9.5 1.6

1.79 1.5
I

0.94 26.2 0.98 24.0 -4.1 9.2I

.~ "t~ 20.2 0.87 21.0 -8.0 -3.8
I---' --

32 I FP' <35 0.49 0.5 82.9 - 0.88 35.2 0.86 34.0 2.3 3.5

! ! ! 0.77 1.0 76.0 ! I 1.15 35.0 1.12 31.0 2.7 12.9

1.65 3.0 53.0 0.95 26.2 0.99 25.0 -4.0 •.8
I

33

I
OW' <35 0.26 1.5 6f'.4

~
1.34 35.0 1.31 31.0 2.3 -12.9

t OW' <35 0.26 1.5 69.4 1.34 35.0 1.37 37.1 -2.2 -5.7
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TABLE 4.1.3.4-8 (CONTO)
LOWA$PECT·RATIO WINGS AT SUBSONIC sPEEDS

DATA SUMMARY AND SUBSTANTIATION

Airfoil %C@ fJ.y ALE CLmax aCLmax CLmax
QC Percent ErrOl", e

Lmax
Ref. Section (t/cl max I%CI A fdeg) M Calc. Calc. Test Test CLmax QC Lmax

34 OW' <35 0.75 2.0 63.4 - 1.37 34.7 1.35 33.0 1.5 5.2

~ ~ ~
0.75

~ ~ ~
1.37 34.7 1.37 33.5 0 3.6

09 1.32 34.7 1.35 34.0 ~2.2 2.1

'4 63AOO4 35 09 4.0 45.0 0.6 0.82 20.5 0.81 21.0 1.2 -2.4

2.5 58.0 1.02 27.6 1.02 26.0 0 6.2

3.0 53.2 0.90 23.6 0.90 22.7 0 4.0

1.33 45.0 1.01 29.6 0.98 24.5 I 3.1 20.8

2.67 45.0 0.82 20.7 0.79 21.0 3.8 -1.4

2.0 53.0 0.91 24.1 0.91 23.2 0 3.9

1.67 58.0 1.04 27.7 1.06 27.5 -1.9 0.7

1.62 53.0 0.98 26.4 0.95 23.5 3.2 12.3

2.15 45.0 0.85 21.8 0.80 21.0 6.2 3.8

• FP '" Flat Plate, OW = Double Wedge

Average Er.,.or in CLmax
= E!!!. = 3.7%

n

Average Error in O:C
L

.E lei
5.8%=

mox n
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,.ABLE 4.1.3.4.{;
lOW-ASPECT·RATIO WINGS AT TRANSONIC SPEEDS

DATA SUMMARY AND SUBSTANTIATION

--~.

I
aCLmax Percent Error, e

"LE CLmax
Ol:C

Lmax CLmax
Ref. A (dog) l:>y , M Rx 10-6 Calc. Calc. Test T.., CLmax QCLmax

12 1.5 0 0.91 1.0 0.6 1.7 0.85 23.4 0.89 23.5 -4.5 -0.4

1 1 1 1
0.7 1.8 0.82 22.4 0.87 23 -5.7 -2.f

I

0.8 1.9 0.80 22.1 0.87 23 -8.0 -3.9

0.9 2.0 0.81 22.4 0.92 24 -12.0 -6.7

1.0 2.1
I

0-97 24.1 1.02 - -4.9 -

2.0 0 1.34 1.0 0.6 1.7 0.73 19.0 0.72 18.5 1.4 2.7

1 ! ! ! !
0.8 1.9 0.72 18 C.70 16.5 2.9 9.1

0.9 2.0 0.75 18 0.70 16.0 7.1 12.5

1.0 2.1 0.94 19.5 0.98 20.0 -4.1 -2.5

I
15 4.0 26.5

IT
0 0.6 0.75 0.85 18.5 0.83 19.0 2.4 -2.6

! 1 1 1
0.8 0.85 0.86 17.5 0.89 21.0 -3.4 -16.7

0.9 0.87 0.96 18.8 1.01 22.0 -5.0 -14.5
I 1.0 0.88 1.25 19.9 1.32 24.0 -5.3 I -17.1

I
1.1 0.88 1.26 29.5 1.24 26.0 1.6 13.5

13 2.0 18.5 0.49 0.5 0.6 1.4 to 2 0.78 23.3 0.85 21.0 -8.2 11.0

1 1 1 ! 1
0.8

!
0.78 22.3 0.86 19.5 -9.3 14.4

0.9 0.84 22.5 0.93 I 18.0 -9.7 25.0

I 1.0 1.05 24.6 1.15 I 22.0 -8.7 11.8

14 3.27 45.0 0.91 0.1 0.6 1.87 0.81 20.5 0.80 20.0 1.2 2.5

t t t t 0.8 2.22 0.82 19.5 0.79 17.0 3.8 14.7

0.9 2.35 0.89 20.5 0.86 23.0 3.5 -10.9

2.67 45.0 0.91 0.2 0.6 1.92 0.82 20.7 0.79 21.0 3.8 -1.4

~ ~ ~ t 0.8 2.28 0.83 19.7 0.78 21.0 6.4 I -6.2

0.9 2.41 0.89 20.2 0.83 22.0 7.2 -8.2

2.15 45.0 0.91 0.3 0.6 1.98 0.85 21.8 0.80 21.0 6.3 3.8

t ~ ~ t 0.8 2.37 0.84 20.8 0.79 21.0 6.3 -1.0

0.9 2.49 0.88 21.3 0.81 21.0 8.6 1.4

1.71 45.0 0.91 0.4 0.6 2.07 0.90 24.0 0.86 I 23.0 4.7 4.3

t ! ! !
0.8 2.46 0.86 23.0 0.84 22.0 2.4 4.5

0.9 2.59 0.90 23.0 0.84 21.5 7.1 7.0

1.0 2.69 1.08 24.8 1.00 22.0 8.0 12.7
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TABLE 4.1.3.4-C ICONTOI
LOW-ASPECT·RATIO WINGS AT TRANSONIC SPEEDS

DATA SUMMARY AND SUBSTANTIATION

ALE CLmax
Or:C

Lmax CLmax
·c Percent Error, e

L max
Ref. A ldegl Ay A M Axl0~6 Calc. Calc. Test T"t CLmax O:C

Lmax

14 1.33 45.0 0.91 0.5 0.6 2.16 1.01 29.6 0.98 24.5 3.1 20.8

! ! ! !
0.8 2.58 0.93 28. I 0.94 23.5 -1.1 19.6

0.9 2.72 0.92 28.1 0.93 23.5 -1.1 19.6

1.0 2.82 1.06 30.0 1.02 26.0 3.9 15.4
-

3.00 53.0 0.91 0 0.6 1.86 0.90 23.6 0.90 22.7 0 4.0

! ! ! !
0.8 2.21 0.87 22.3 0.88 22.0 -1.1 1.4

0.9 2.32 0.90 22.4 0.90 23.0 0 -2.6

1.0 2.42 1.08 24.2 1.05 24.0 2.9 0.8

1.29 53-0 0.91 0.4 0.6 2.07 1.09 29.5 1.03 27.0 5.8 9.3

! ! ! !
0.8 2.46 0.99 28.2 0.97 24.0 2. I 17.5

0.9 2.59 0.97 28.5 0.95 24.0 2.1 18.7

1.0 2.69 1.10 30.0 1.02 25.0 7.8 20.0

I 2.5 58.0 0.49 0 0.6 1.86 1.07 27.2 1.04 27.0 2.9 0.7

! ! ! !
0.8 2.21 1.00 26.0 0.96 23.0 4.2 13.0

0.9 2.32 1.00 26.2 0.97 24.0 3.1 9.2

1.0 2.42 1.16 27.9 1.10 25.0 5.5 11.6

1.67 58.0 0.49 0.2 0.6 1.92 1.06 27.4 1.03 27.0 2.9 1.5

t t t t 0.8 2.28 0.99 26.2 0.94 23.5 5.3 11.5

0.9 2.41 0.99 26.4 0.92 23.5 7.6 12.3
-

I;lel
Average Error in CLmax

. - = 4.7%
n

Llel
9.3%Average Error in Ole ..

L max n

4.1.3.4-19



TA8lE "'.3.4-0
WINGS AT SUPERSONIC SPEEDS

DATA SUMMARY AND SUBSTANTIATION

ALE eLmax aCLma" CLm... crC
Lmax

P.cent Error, e

Ref. M A x 10-6 A (dog) CIk:. Cole. TH' TH' Ct..... ClC
Lnux

18 1.9 0.3 to 0.7 1.78 36 1.114 42.3 1.01 42.4 3.0 -0.2

t 1.96 64 1.07 40.5 1.06 41.0 0.9 -1.2

2.32 1.96 64 1.03 41.0 0.98 43.8 5.1 -6.4

~
4.0 45 1.07 38.7 1.07 42.8 0 -9.2

2.0 0 1.02 42.0 0.97 40.8 5.2 2.9

1.55 1.96 64 1.13 39.5 1.06 41.1 8.6 -3.9

! 4.0 45 1.22 34.5 1.13 39.5 8.0 -12.7

1.76 36 1.08 41.0 1.07 38.1 1.9 7.6

1.74 0 1.15 38.8 1.14 39.3 0.9 -1.3

23 1.45 1.2 to 6.9 1.0 0 1.07 41.7 1.07 37.7 0 10.6

1.96 2.0 0 1.07 40.2 1.10 41.5 -27 -3.1

t 3.0 0 1.08 39.0 1.11 35.0 -1.8 -11.4

2.43 2.0 0 1.00 42.5 1.05 42.0 -4.8 1.2

t 3.0 0 1.01 41.5 1.07 38.0 -6.6 9.2

3.36 1.0 0 0.89 47.0 0.89 41.7 0 12.7

~
2.0 0 0.93 46.0 0.95 41.6 -2.1 8.4

3.0 0 0.94 44.5 0.95 40.8 -1.1 9.1

26 1.96 26 to 6.8 0.376 85' 0.n2 50.8 0.786 61.0 -1.8 -0.4

~
0.667 80 0.86 48.7 0.836 49.0 2.9 -0.6

1.0 76 0.92 46.5 0.908 46.0 1.3 1.1

2.42 0.375 85 0.71 53.7 0.746 52.0 -4.8 3.3

~
0.667 80 0.814 50.8 0.602 52.0 1.5 -2.3

1.0 76 0.883 48.3 0.839 46.0 5.2 5.0

3.30 0.376 86 0.67 54.5 0.687 62.0 -2.5 4.8

~
0.667 80 0.n4 53.7 0.758 53.0 2.1 1.3

1.0 76 0.816 61.5 0.816 60.0 0 3.0

21 2.46 1.0 to 3.5 2.0· 0 0.99 42.5 1.00 40.0 -1.0 6.3

j
I I

2.0 0 0.'19 42.5 1.04 40.0 -4.8 6.3

2.0· 63 0.97 44.2 0.98 50.0 -1.0 -11.6

! 2.0 63 0.97 44.2 0.96 46.0 1.0 -1.8

4.0· 45 1.04 40.0 1.01 45.0 3.0 -11.1

3.36 3.4 2.0 63 0.91 45.7 0.84 46.0 8.3 1.6

20 1.45 1.0 to 3.5 4.0" 45 1.21 35.5 1.18 36.0 2.6 1.4

1
1.97

1
4.0· 45 1.11 38.0 1.09 43.0 1.8 -11.6

!
2.0· 63 1.02 42.7 1.01 45.0 1.0 -5.1

2.0· 0 1.07 40.0 1.07 45.0 0 -11.1

2 0 1.07 40.0 1.08 38.0 -0.9 5.3

1:101
Ave,.. Error in eLmax ---2.6%

*with thickened wing root n

I:h~
Average Error in "CL

max
- -n-" 5.6%
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SUBSONIC SPEEDS
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SUBSONIC SPEEDS
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SUBSONIC SPEEDS

Notes: Symmetric aitfoils
R = 1 X 10' to 10 X 10' based on MAC
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SUBSONIC SPEEDS

Notes: Symmetric airfoils
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SUBSONIC SPEEDS

Noces: Symmetric airfoils
R = 1 X 10" to 10 X 10' based on MAC
!'.y for airfoil at MAC
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4.1.4 WING PITCHING MOMENT
The pitching.moment characteristics of aerod}llamic surfaces are conventionally represented by specifying tht win;;
aeroJd)<namic-center location or the wing center of pressure.

The at'fodynamic center is dt'lined as thai point on thl' wing plane of symmetry ahout which the pitching: momt'nl is

. . . h J'f' dC", aInvanant Wit 1 t, I.e.• de = •,. for po..... er-off f1i~ht of a rigid vehicle at a given ~18ch number.

The relationship between the wing: aerodynamic renter and the wing pitching-moment slope about any arbitrary point nn

thf' wing root chord is then given by the equation I neglecting wing drag I:

where

(
n- ~)-",-

c, ('
-l.U·.

X 3 .('.

C,
is the chordwise distance fcolll the Willg ape'( to the aerodynamic center, measured in rool chords, po"ili\t, aft

n is the chord""'ise distance from the wing apex tn the point about which the pitching momenl is desired, me;ts·
ured in rool chords, positive aft

c,

c

dC",
dC,.

is Ihe ratio uf the root f'hord 10 Ihe pitching.moment refcrem:e chord. generally taken as the wing i\I.A .C.

is Ihe slope of Ihl' Willg pitchin;:!:.moment coefficient ahout Ihe point n with respect to the lift coefficienl

The usefulness of the al'rodyl1illlli("-ct'nll'r 1'1/111'''111 lil's plilll'ipilll~' in Ihe convenient way in which it presents pitching·

moment information ill Ih" linear lift lan;'::I'. ''(;'ithin this rall;:.e the furces on a wing are simply represented by a lift

vedor of varyin~ ma;:::nilude acting: Ihro~;.:h the aerod~ nalllic I'cnler and a constant momelll about the a.c. equi\il!f'lll
to the wing zero-lift moment.

The aerodynamic·(·(,Jlter cOIII'ept is ofkll uSl,d he~lIllci Iht' linear Jifl range h~ specifyillt-( the locus IIf points at which

~\ is zero, as a function of lift lor angle of att,"ck l. The ax. cune thus definf'd represl'nb thl" SUI'('cssiw' poinls ;11
dC,.

which the surface has "nl"ulral stahility."

Cenler of pres!>ure is defined as that point al which the win;:!: tolal I"t'suhanl furce intersects the winr; chord, i.c., it is tIlt'

point on the wing chord at which C", = n.

If the wing cenlt>r-of-pressure 10':'alion is known, the wing pitching moment about any other point on the wing chord
may be calculated, prO\'idt'd the direction of the resultanl-force vector on Ihe wing is also known. This fact, which is

apparent from geometrical considerations. is reAected in thl' equations for determining the moment coefficient {rum

the centt'r of pressure. There are two cases. as follows:

A. Resultant-force vector Iwrpendicular to Ihe wing surface:

( xco) c,.
C",=c n - -

c, c

B. Resultant-force \-ct:lor in the lift direction (perpendicular 10 the free stream):

C (
xco) c, C,,. =-"'" n - - - I. cos a
c, C

4.1.4·h

4.I.I·c

In the above equations
c,

is lhe chordwise rlistancl' from the wing apex to the wing center of pressure, measurell in

4.1.4-1



root chords. positive aft.

Since at low anGlee of atlach the reauhant·forcc vector on winge ia e••eDtially in the lift direction (see Section
4.1.3), equation 4.1.~c i. applicable. At high angles of atlack, the reeult.at force i. more Dearly normal to the
wing chord and thus equation 4.1.4-h i. the more applicable. I~owever, equalion 4.1.4--b may also Le used at low
aogle. of attack. For the remainder of this SectioR. it i. a.sumed lb.t eq_lioR 4.1.4-1. holda at all angles of attack,
and that the eN in this equation i. equivalent 10 the C~N a. defioed and -diacuased iD Section 4.1.3.

In the linear lift range. the local ions of the center of prCSlure and the aerodynamic center are the SlIme for wings having
symmetrical profiles but not the same for wings having cambered profiles.

Two sela of charta ere presented in IlUbaequenl Seclion•. The cb8rta for the liDear lift range present the aerodynamic_
center locatioD of wings a. a functioD ol plaafCWID paremcteta. The curta lor the nonlinear lift range give the wing
ceate ....of-pres.ure location alao a. a function of plaofonu p....l'leteta. The two .,oupa of charta laken together permit
the calcula.ti~ of the complete·pitching-monlCot curve lrom 0° to 90° angle of attack for symmetrical wing••

For cambered wings. no specific method is presented for calculating the pitching moments beyond the linear lift range.
However, for angles of att.ck beyond the stall. it is not likely that there will be much difference between the pitching
moments of symmetrical wings and those of cambered wings.
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4.1.4.1 WING ZERO·LlFT PITCHING MO~mNT

The methods presented in this section are restricted to subsonic speeds. In the transonic and
supersonic speed regimes it is suggested that reference be made to experimental data.

A. SUBSONIC

Two methods are presented f6r estimating the wing zero-lift pitching moment. Method I is general
and is applicable to the majority of moderately swept configurations. It is not advisable to use
Method I for configurations having a quarter-chord-sweep angle greater than 45 0 . Method 2 is
taken from Reference I and is applicable only at M = 0.2 for highly swept, constant·section.
low-aspect-ratio, delta or clipped-delta configurations with large thickness ratios; Le.,
0.10';; t/c';; 0.30.

DATCOM METHODS

Method I

The low-speed zero-lift pitching moment based on the product of the wing area and mean
aerodynamic chord Sw cw' for untwisted, constant-section wings with elliptical loading may be
approximated by

4.1.4.I-a

where cm 0 is the section pitching-moment coefficient at zero lift, obtained from Section 4.1.2.1.
The airfoil section is defined parallel to the free stream.

For airfoil sections varying along the span

A cos2 Ac/4
=

A + 2 cos Ac/4
4.1.4.1-b

where c and c
m

are the section pitching-moment coefficients at zero lift of the root
m o 0

root tip

and tip sections, respectively, both defined parallel to the free stream.

For wings with linear twist, lifting-line theory may be used as in Reference 2 to obtain Cm 0 by

= (~Cmo)+ -- 8
8

4.1.4.I-c

4.1.4.1-1



where

o

is the zero-lift pitching-moment coefficient of an untwisted wing, obtained by
using either Equation 4. 1.4. I-a or Equation 4.1.4.I-b.

is the change in wing zero-lift pitching-moment coefficient due to a unit change
in linear wing twist. This parameter is obtained from Figure 4.1.4.1-5.

is the twist of the wing tip with respect to the root section, in degrees (negative
for washout). A linear spanwise twist distribution is assumed (all constant
percent points of local chords lie in straight lines along the span).

The effect of Mach number on the wing zero-lift pitching-moment coefficient, up to the critical
Mach number, is presented in Figure 4.1.4.1-6. This chart, based on test data, gives the ratio of
wing or wing-body zero-lift pitching-moment coefficient in compressible flow to that in
incompressible flow. When using this chart, no correction should be made to the section c rna
value. The use of this chart should give reasonable results up to M = 0.8. However, beyond this
point the chart should be used with caution, since test data often show abrupt changes in zero-lift
pitching moment at high transonic speeds.

The limited availability of test data, coupled with the fact that the wing zero-lift pitching-moment
coefficient does not lend itself to accurate experimental measurement, precludes substantiation of
this method.

Method 2

This semiempirical method is taken from Reference I, ignoring the small wing-planforrn nose-radius
effects. The semiempirical method was developed by using the test results of Reference I,
correlated with the theoretical predictions based on lifting-surface theory. Because of its
semiempirical nature, the method should be restricted to M = 0.2 conditions for highly swept,
constant-section, low-aspect-ratio, delta or clipped-delta configurations with the following geomet
ric characteristics:

0.58 <;;; A <;;; 2.55

0.10<;;; tic <;;; 0.30

~E = 0

For round-nosed-planform configurations the reader is referred to Reference I, where three
different planform nose-radius models were tested. No incremental nose planforrn effects are
presented here because of their probable configuration dependence.

4.1.4.1-2



The wing zero-lift pitching-moment welTicient may be approximated by the following procedure:

Step I. Determine tht..' section zero-lift pitching-moment coefficient em 0 for the particular
airfoil under consideration. Lifting-surface theory was used in the method
formulation of Reference I to estimate the section zero-lift pitching-moment
coefficient. For this reason it is recommended that lifting-surface theory be used, if
available, for the prediction of em ()"

If lifting-surface theory is not available, Cm () may be estimated by using test data;
e.g_, those listed in Tables 4.1.1-A and -8.

Step 2. Determine a wing zero-lift pitching moment (Cmo) uncorrected for thickness
theory

effects from Figure 4.1.4.1-7 as a function of sweep, taper ratio, and section zero-lift
pitching momen t. (The value of A c is defined as Ac = 900 ~ AL E')

Step 3. Calculate the wing zero-lift pitching moment Cm 0' based on the wing area and
wing root chord Sw c" using the following

where

4.1.4.I-d

(
c .

mo) theory

is the ratio of zero-lift pitching moment corrected for thickness
effects to the uncorrected zero-lift pitching moment. This ratio
is obtained from Figure 4.1.4.1-8 as a function of thickness,
planform geometry, and the uncorrected wing zero-lift pitching
moment.

is the zero-lifting pitching-moment coefficient uncorrected for
thickness effects obtained above in Step 2.

For the particular configurations to which this method is applicable, insufficient data are available
to determine the usefulness of Figure 4.1.4.1-6 for estimating Mach number effects.

No substantiation of this method is possible because of the lack of wing-alone low-aspect-ratio test
data having thickness ratios of 0.1 0 <;; t/c <;; 0.30.

Sample Problems

1. Method 1

Given: The following straight-tapered wing of Reference 3.

A = 6.0 A = 0.5 8 o Low speed

NACA 23012 airfoil (free-stream direction)

4.1.4.1-3



Compute:

em 0 =--0.014 (Table 4.I.I-A)

Solution:

= (Equation 4.1 A.I-a)

= 6(0.9858)2 -0.014)
6 + 2(0.9858) (

=-0.010

This compares with a test value of -0.012 from Reference 3.

2. Method 2

Given: The following constant-section, low-aspect-ratio, c1ipped-delta configuration.

A = 0.823 A = 0.18

NACA 2412 airfoil M = 0.2

Compute:

cmo = -0.047 (Table 4.1. I-A)

ALE = 73.5 0

Ac = 16.50 (complement of leading-edge sweep)

4tanAc (I +lTA2 tanAc) = 4(0.2962) [1 +IT(O.l8)2 (0.2962)] = 1.2205

(C) = -0.010 (Figure 4.1.4.1-7)rno theory

= 0.91 (Figure 4.1.4.1-8)

= (0.91)(-0.010)

= -0.0091

4.1.4.1-4

(CmO) theory (Equation 4.1 A. I-d)
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4.1.4.2 WING PITCH[NG-MOMENT-CURVE SLOPE

This section presents methods for calculating the pitching-moment characteristics of wings at low
angles of attack at any speed.

The pitching-moment characteristics are generally presented in terms of the wing aerodynamic
center. The aerodynamic center (Section 4.1.4) is that point about which the wing pitching moment
is invariant with lift. Thus the pitching-moment slope based on the product of the wing area and ti,e
mean aerodynamic chord Swcw about any specified point on the wing chord line may be described
by the following equation:

where

4.1.4.2·a

cr

n

cr

is

is the distance from the wing apex to the aerodynamic center measured in root chords.
positive aft.

is the distance from the wing apex to the desired moment reference center measured in
root chords, positive aft.

is the ratio of the root chord to the mean aerodynamic chord.

A. SUBSONIC

At subsonic speeds methods are presented for predicting the aerodynamic center of the following
two classes of wing planforms:

Straight-Tapered Wings (conventional, trapezoidal wings)

Non-Straight-Tapered Wings

Double-delta wings

Cranked wings

Curved (Gothic and ogee) wings

These three general categories of non-straight-tapered wings are illustrated in Sketch (a) of
Section 4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2.

Two methods are presented for estimating the wing pitching· moment-curve slope for straight
tapered wings. Method I is general and is applicable to the majority of configurations. Method 2 is
applicable only at M = 0.2 for highly swept, constant-section, low-aspect-ratio, delta or
clipped-delta configurations with large thickness ratios; i.e., 0.10 .;;; tic .;;; 0.30.

4.1.4.2-[



All of the basic theories for calculating wing lift apply to wing pitching moments also. However, as
is discussed in Section 4.1.3.2, there is no guarantee that a theory that gives accurate results for lift
also gives accurate values for moments.

One theory that does give accurate results for both lift and moments of straight-tapered wings over
the entire aspect-ratio range is the lifting-surface theory of Reference I. Although the computation
difficulties of this method are not as formidable as those of some other lifting-surface theories,
solutions are nevertheless limited to certain specific planforms.

Most of the currently available methods that are applicable to a wide range of configurations are
based largely on empirical data. A semiempirical method of this type is presented in Reference 2.
The procedure of this reference uses certain simplified theories (see References 3 and 4) to define
limiting locations for the aerodynamic-center positions as the wing aspect ratio approaches zero or
infinity. For intermediate aspect ratios, some 150 experimental points from 40 different reports are
used as a gu!de in fairing curves between the theoretically determined limits. In this way generalized
charts are constructed for straight-tapered wings of arbitrary aspect ratio and taper ratio.
Comparison between the aerodynamic-center locations given by the semiempirical method of
Reference 2 and the available lifting-surface solutions of Reference I shows a high degree of
correlation. The charts of Reference 2 also agree well with the other available semiempirical
methods of less extensive scope, such as that of Reference 5.

In the Datcom the graphical aerodynamic-center information presented is basically that of
Reference 2. However, the charts are presented in a slightly different form, and the effects of Mach
number are added by means of the Prandtl-Glauert compressibility correction rule. The design
charts for predicting the aerodynamic center are applicable only within the linear-lift range. Thus
the charts apply to wings of very low aspect ratio at only very low angles of attack. These charts are
directly applicable to straight-tapered wings. In treating non-straight-tapered wings, the wing is
divided into two wing panels and the individual lift and aerodynamic center for each panel are used
to establish the aerodynamic center for the composite wing.

Within the linear-lift range, profile parameters such as mean camber line, thickness, leading-edge
shape, and others appear to have only minor infl',ence on the aerodynamic-eenter location of either
straight-tapered or non-straight-tapered wings.

Reynolds number., on the other hand, can have an appreciable effect. Reference 6 indicates that for
a wing of aspect ratio 3 with a 3-percent biconvex section, the aerodynamic center can vary as much
as 8 percent of the wing root chord between the Reynolds numbers 2.4 x 106 and 8 x 106 .

Although this aerodynamic-center shift appears to be larger than usual, it does serve to indicate that
wind-tunnel test conditions, such as tunnel turbulence level, model support system, and Reynolds
number, can have an important bearing on the experimentally measured aerodynamic chord
locations.

DATCOM METHODS

Straight-Tapered Wings

Method I

Figures 4.1.4.2-26a through 4.1.4.2-26f present the a.c. location for straight-tapered wings at
subsonic speeds. These charts give the a.c. location as a fraction of the wing root chord. The charts
are based on planform characteristics only and thus are most applicable to low-aspect-ratio wings.
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The characteristics of high-aspect-ratio wings are primarily determined by the wing two-dimensional
section characteristics. For most airfoil sections the a.c. location is at or near the MAC
quarter-chord point. However, if greater accuracy is desired, the a.c. location for the particular
airfoil section under consideration may be determined from Section 4.1.2.2.

The applicability of the subsonic portions of Figures 4.1.4.2 -26a through 4.1.4.2-26f is limited to
M .;; 0.6. The form of presentation of the charts does not permit an indication of this limit in a
manner that is applicable in all situations. Beyond M ; 0.6 the a.c. location tends to become
dependent on wing profile thickness and shape, as indicated in Paragraph B of this section.

However, for swept wings with tic .;; 0.04 the thickness effects are much reduced, and
Figures 4.1.4.2-26a through 4.1.4.2 -26f may be applied to Mach numbers somewhat higher than
M ; 0.6.

Method 2

This semiempirical method is taken from Reference 7, ignoring the small wing-planform nose-radius
effects. The semiempirical method was developed by using the test results of Reference 7,
correlated with the theoretical predictions based on lifting-surface theory. Because of its
semiempirical nature, the method should be restricted to M ; 0.2 conditions for highly swept,
constant-section, low-aspect-ratio, delta or clipped-delta configurations with the following geomet
ric characteristics:

0.10';; tic .;; 0.30

0.58';; A';; 2.55

o .;; A .;; 0.3

The nonlinear region of the pitching-moment curve for configurations described above may be
approximated by using Method 2 of Section 4.1.4.3.

For round-nosed-planform configurations the reader is referred to Reference 7, where three
different planform nose-radius models were tested. No incremental nose planform effects are
presented here because of their probable configuration dependence.

The wing pitching-marnent-curve slope may be approximated by the following procedure:

Step 1. Calculate the aerodynamic-center location uncorrected for wing thickness effects by
the following:

cr

; _f_(_I_-_A_l_+----"+..->-[-;1_-_I.,-~,...A-'I'--1r-I-Og-,_(-'-I-+---'~:....:)
I + 1r log, (I + ~)

4.1.4.2-b
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Step 2. Determine the wing pitching-moment-curve slope uncorrected for wing thickness
effects by using a modified form of Equation 4.1.4. 2-a, i.e.,

where

(
dCm )
-- = n ~

del
theory

X
'.c.

n is the distance from the wing apex to the desired moment reference
center, measured in root chords, positive aft. If the semiempirical
procedure presented in Method 2 of Section 4.1.4.3 is to be used to
determine the nonlinear pitching-moment characteristics, the deter
mination of the moment reference center n is not arbitrary. The
moment reference center in this case should be taken at the
root-chord midpoint, Le., n = 0.5.

cr
is the distance from the wing apex to the aerodynamic center,
measured in root chords, positive aft. This term is obtained from
Step 1 above and is uncorrected for thickness. effects.

Step 3. Correct the pitching-moment-eurve slope for thickness effects, based on the product
of wing area and wing root chord Sw cr ' by

4.1.4.2-c

where

is the wing pitching-moment-curve slope from Step 2,
uncorrected for thickness effects.

is the wing-thickness-correction factor for the wing
pitching-moment-curve slope. This parameter is obtained
from Figure 4. I .4.2-29 as a function of (dCm /dC l J.heory

and thickness.

No substantiation of this method is possible because of the lack of low-aspect-ratio test data having
wing thickness ratios of 0.10 .. tic .. 0.30.

Non-Straight-Tapered Wings

The method for predicting the a.c. location near zero lift of non-straight-tapered wings is taken
from Reference 8. This method is used for all non-straight-tapered wings. The non-straight-tapered
wing is divided into two panels with each panel having conventional, straight-tapered geometry.
Then, for each of the constructed panels, the individual Iift-eurve slope and a.c. are estimated by
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treating each constructed panel as a complete wing. The individual lift and a.c. location derived for
each constructed panel are then mutually combined in accordance with an "inboard-outboard"
weighted-area relationship to establish the predicted a.c. location for the basic non-straight-tapered
wing. There is a difference between the construction geometry used to determine the inboard and
outboard panels for the double-delta and cranked wings, and that for the curved wings.
Application of the method requires that the wings be broken down as defined below.

Double-Delta and Cranked Wings (see Sketch (a))

Inboard Panel the inboard leading and trailing edges extended to the center line. The
tip-chord span station is fixed at the break formed by the discontinuity in
the sweep of the leading edge of the composite wing. The constructed
inboard panel is designated by subscript i.

Outboard Panel - the leading and trailing edges of the main outboard panel extended
inboard to the midpoint between the center line and the break formed by
the discontinuity in the sweep of the leading edge of the composite wing.
The main outboard panel is designated by subscript 0 and the
constructed outboard panel is designated by a prime and a subscript o.

DOUBLE·DELTA WING

SKETCH (al

r(~)]

r-
I ::-----

I

L(~)-=-tm.~
CRANKED WINGS
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Many double-delta ana cranked wings have non-straight trailing edges with the trailing-edge break
occurring at a different span station from the leading-edge break. For such wings the irregular
trailing-edge sweep angles of the divided panels are modified by using straight trailing-edge sweep
angles for each panel, constructed so that the area moment about the respective wing-panel apex
remains approximately the same.

Curved Wings (see Sketch (b»

The basic ogee and Gothic planforms must be modified to divide the wing into two panels having
conventional, straight-tapered geometry. The modified inboard and outboard panels are designated
in the same manner as noted in the double-delta- and cranked-wing breakdown. Both types of
curved wings are divided by the following procedure:

I. The tip chord of the inboard panel is located at one-half of the curved wing semispan; i.e.,

( ~). = (~) = 0.50 (b;). This locates the span station of the leading-edge break, and
I 0

tip-chord span station of the constructed inboard panel.

2. The root chord of the constructed outboard panel is located at one-fourth of the curved

wing semispan; i.e., cr~ span station is at (0.25) (b;) .

c,;

GOTHIC WING

SKETCH (b)
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3. The semispan of the constructed outboard panel is 0.85 times the sernispan of the basic

curved wing; i.e., (~) = 0.85 Cow). This locates the tip of the constructed outboard
o -

panel.

4. The tip chord of the constructed outboard panel is zero; i.e., A~ = O.

5. The leading-edge sweep angles of the two panels are approximated by the use of
straight-line segments as shown. Try to maintain an approximately constant area moment
for the outboard panel about its apex.

The subsonic aerodynamic-center location of non-straight-tapered wings is obtained from the
procedure outlined in the following steps:

Step I. Divide the non-straight-tapered wing into inboard and outboard panels as discussed
above, and determine their pertinent geometric parameters.

Step 2. Determine thc lift-curve slope of the constructed inboard panel (C L0)" from

Figure 4.1.3.2-49, based on its respective area S,.

Step 3. Determine the a.c. location of the constructed inboard panel as a fraction of the root

chord of the constructed inboard panel ( x~.c.). from Figure 4.1.4.2 -26. This a.c.
r ,

location is aft of the apex of the constructed inboard panel.

Step 4. Determine the lift-curve slope of the constructed outboard panel (CLo)~' from

Figure 4.1 .3 .2-49, based on its respective arca S~.

Step 5. Determine the a.c. location of the constructed outboard panel as a fraction of the

root chord of the constructed outboard panel (x•.
c
.Y from Figure 4.1.4.2-26. This

cr G

a.c. location is aft of the apex of the constructed outboard panel.

Step 6. Convert the a.c. location determined in Step 5 to a fraction of the root chord of the
constructed inboard panel and aft of the apex of the constructed inboard panel by

( )'
x ' (C')a.c. 0 x a.c . f O ~y bi
-- = (--) - - - tan ALE + - tan ALE.
c c ceo 2c Ic j r 0 Tj f j c j

4.1.4.2-d

Step 7. Calculate the non-straight-tapered-wing aerodynamic center, measured in wing root
chords aft of the wing apex,by

cr
= 4.1.4.2-e

4.1.4.2-7



The limited availability of experimental data precludes the substantiation of this method for
double-delta and cranked wings. No experimental wing-alone double-delta data are readily available
for subsonic speeds. Test data for three wing-alone cranked-wing configurations are available. The
results of the method applied to those configurations are compared with test results in the data
summary presented as Table 4.1.4.2-A (taken from Reference 8).

On the other hand, for curved wings there are enough test data available for a limited substantiation
of the method. A comparison of test data for four curved-wing configurations with xa.c/c,
calculated by this method is presented as Table 4.1.4.2-B (taken from Reference 8). The table also
includes two configurations which are wing-body combinations, but the bodies are very small and
the wing planform projection effectively blankets nearly all of the body. All the wings investigated
have straight trailing edges and one reflex curve in the leading edge. The ranges of Mach number and
lift coefficient of the data are:

0.09"; M ..; 0.9

Sample Problems

I. Method 2

Given: The following straight-tapered, coOnstant-section, low-aspect-ratio, clipped-delta configura
tion.

A = 0.823

NACA 2412 airfoil

Compute:

x = 0.1s"

M = 0.2

Xa.c.

c,
=

2 I [ X2
] (A)- (1 - X) + - I - -- " log I + -

3 2 I+X • 5

I +"Iog. (I + ~)
(Equation 4.1.4.2-b)

2 I [(0.18)2] (0823)
= 3" (1 - 0.18) +"2 1- i"'+OT8 "log. 1+ -'-5-

(
0.823)

I +" log. I + -5-

= 0.527

(
dCm)

deL theory =

Xa.c.
n- --

c,
(Modified form of Equation 4.1.4.2-a)

= 0.50 - 0.527

4.1.4.2-8
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dCmIdCL_-::...---=:.--- = 0.935
(dC IdC )

m L theory

(Figure 4.1.4.2 -29)

dCm

(
dCm )

= --
dC

L theory

(Equation 4.1.4.2-c)

= -0.0252

(. O.O:m (0.935)

( ~2')based on SWCT' about

2. Non-Straight-Tapered Wings

Given: The cranked wing of Reference 22.

c = c,.
'0,

~
c, = c,

0

1"
I
I
I
I

__ I

2

Total-Wing Characteristics:

Aw = 5.194

'18 = 0:380

A
W

= 0.090

c = 50.10 in.
'w = 50.40 in.
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Constructed Inboard-Panel Characteristics:

A. ~ 1.14 A ~ 0.339, ,

(%); ~ 19.15 in. S; ~ 1285 sq in.

c ~ 50.10 in. c,. ~ 16.98 in.,., ,

Constructed Outboard-Panel Characteristics:

A' ~0.213aA~ ~ 6.37

21.15 in. c,
a

~ 4.50 in

(~ )~ ~ 40.83 in. S' ~ 1047 sq in.a

ALE ~ 25 0
ATE ~ 1.750

a a

Additional Characteristics:

M ~ 0.13; iJ ~ 0.991

Compute:

~y ~ 9.576 in.

K ~ 1.0 (assumed)

(Section 4.1.3.2)

~ \~~ [(0.991)2 + (0.8662)21 % = 1.50

(
C LAa), -- 1.39 per rad

(CLa); =C~a} A; =

(Figure 4.1.3.2-49)

1.39 (1.14) ~ 1.58 perrad

(A tan ALE) ; = (1,14)(1.7321) = 1.975;
tan ALE.,

= 0.991
1.7321

~ 0.572

(X:;c) = 0.452

4.1.4.2-10
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(c ).La 0
(Section 4.l.3.2)

6.37 [(0.991)2 + (0.2623)2]" = 6.53
1.0

(CALa)o = 0.715 perrad (Figure 4.1.3.2-49)

(CLa)o' = (CALa\o) A~ = (0.715)(6.37) = 4.55 perrad

(A tan ALE) ~ = (6.37) (0.4663) = 2.97;

tan ALE
o = 0.4663

0.991
= 0.471

(Figures 4.1.4.2-26a through -26e, interpolated)
(

X
a

.
c
.)· = 0.543

c, 0

(Xa~c.) ~ jX;.c.)' I»
r j \ r 0\4 r j

- o\y tan ALE
c 0,;

b.
+--'

2c,;
tan ALE., (Equation 4.1.4.2-d)

Solution:

= (0.543) (21.15) _ 9.576 (0.4663) + 19.15 (1.7321)
50.10 50.10 50.10

= 0.802

=,
=

c
, i

(Equation 4.1.4.2-e)

= 1.58 (1285) (0.452) + 4.55 (1047) (0.802)
1.58 (1285) + 4.55 (1047)

= 0.697
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The calculated value compares with a test value of 0.688 from Reference 22.

B. TRANSONIC

Rather than producing linear results as in other speed regimes, application of small-perturbation
theory to the transonic regime yields a nonlinear differential equation. This means that at transonic
Mach numbers it is not possible to' evaluate separately the effects of thickness, camber, and angle of
attack, and then to add the individual solutions to obtain the total wing lift and pitching moment.
The contributions of each of the above parameters are interrelated, and the wing must be treated as
a unit. Theoretical solutions in the transonic speed range are available for only a few specific
planforms. Most of the available information on the transonic characteristics of wings is in the form
of wind-tunnel test data. As discussed in detail in Section 4.1.3.2, transonic test data are subject to
wind-tunnel wall interference effects and must be used with caution.

The use of similarity parameters reduces to a minimum the number of charts required to present
test data. Similarity parameters are derived from theoretical considerations and are subject to the
limitations of the theory from which they are derived. Although the form of the parameters may be
changed by rearranging the variables, the minimum number of parameters for a given theory does
not change.

From the nonlinear equations describing transonic flow, it can be shown (Reference 9) that the
minimum number of parameters necessary to present complete information in the transonic speed
regime is one greater than the number of parameters necessary,for the linear theories of both the
subsonic and supersonic speed ranges. This means that the number of charts required to present
information at transonic speeds is one order of magnitude larger than the number required for
either of the other speed ranges.

Only a limited amount of work has been done in organizing transonic test data by means of
similarity parameters. The most extensive effort along these lines is given in Reference 10. In this
reference, test data from 50 rectangular wings of differing aspect ratio, airfoil thickness, and airfoil
section are correlated by means of transonic similarity parameters, with a high degree of success.

For the Datcom, the charts of Reference 10 for rectangular, symmetrical wings at zero angle of
attack are adopted directly. Charts for straight-tapered wings of other planform shapes are
developed by applying transonic similarity parameters to the experimental data of References II
through IS, The combined charts for all planforms are presented as Figures 4.1.4.2-30a through
4.1.4.2-30d.

These transonic charts are applicable only to uncambered straight-tapered wings with symmetric
airfoil sections at low angles of attack. Wings with cambered airfoils, double-wedge airfoils, and
airfoils with blunt trailing edges show different transonic moment and lift characteristics.

Wings with thickness ratios greater than about 7 percent are subject to shock-induced separation
effects of significant magnitude. These effects are not accounted for by small-perturbation theory
and thus cannot be handled by the similarity parameters of this section. Since there is great
similarity between the effects of shock-induced separation on moment and on lift, the treatment of
separation-induced moment characteristics in this section is based' on the procedure of
Section 4.1.3.2 for transonic lift.
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DATCOM METHOD

The charts of the Datcom are presented in terms of the transonic similarity parameters of
Reference 10. The similarity parameters used for velocity and aspect ratio, respectively, are

v = 11
2

---
(tjc)2/3

and A = A(tjc)1/3

The corresponding parameter for angle of attack is

ii=
(tjc)

However, since all of the transonic charts of this section are for low angles of attack such that
Ci "" 0, this last parameter does not enter into the calculations.

Figures 4.1.4.2-30a through 4.1.4.2-30d give the a.c. location for symmetrical straight-tapered wings
of arbitrary sweep angle, taper ratio, and thickness ratio. For rectangular wings a more thorough
presentation of a.c. location as a function of the velocity parameter V is given in
Figure 4.1.4.2 -30d.

The following steps outline the calculation procedure:

Step I.

Step 2.

Step 3.

Step 4.

Step 5.

Step 6.

Determine the aspect-ratio similarity parameter A.

_ x a.c.
For the appropriate values of A, A tan ALE' and A, read -- from Figures 4.1.4.2-30a

112 ~
through 4.1.4.2-30d for values V = = -2, -I, 0, + I. (Cross plots must be

(tjc)2/3

made between taper ratios of 0.5 and 1.0.)

Determine the Mach numbers corresponding to V = -2, -1,0, +1.
xa.c.

Calculate - for M = 0.6 and M = 1.4 as outlined in the straight-tapered-wing
c,

methods of Paragraphs A and C, respectively, of this section.

The complete transonic a.c.-Iocation curve can now be constructed by fairing a curve
through the points obtained by means of Steps I through 4.* (See Sketch (c))

The slope of the pitching-moment curve can now be calculated from the equation

4.1.4.2-f

where CL is the lift-curve slope at transonic speeds obtained from Paragraph B of
a

Section 4.1.3.2.

·If the wing under consideration has 8 thickness ratio greeter thin 7 percent, the addition" Step 7 is required.
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c,
from Figure 4. i .4.2-33. This increment is applied at the Mach number at which the
transonic lift-curve slope reaches its minimum value (M fb + 0.07). The force-break
Mach number Mfb is obtained during the course of calculating the transonic CL•values. Application of this a.c. increment and the required fairing technique are
illustrated in Sketch (c).

Step 7. Determine the incremental a.e. location accounting for separation effects
ll.xa.c.

Mfb + .03

X a.c.

cr o CALCULATED POINTS
FROM STEPS I - 4

.14

1.0

MACH NUMBER

SKETCH (c)

The above sketch represents the a.C. location at zero angle of attack. As the angle of attack is
increased, the bucket in the curve near Mach I disappears and the shape is more like the dashed
portions of Sketch (c).

Sample Problem

Given: The following straight-tapered wing:

A = 4.0 A = 0.68 I\. = 43.60
. c/2

NACA 63AOl2 airfoil c,le = 1.18

Compute:

n = 1.09

_ (t)' /3A = A -
c

= (4.0)(0.493) = 1.972

A tan ALE = (4.0) (tan 46.320 ) = 4,19

Determine

4.1.4.2-14

X a.c. for V = -2, ~I. 0, and 1, and the Mach numbers corresponding to V



/pV = _!:.--

(t/c)2I3
=

{32 .

(0.2433) ,
M =J I + 0.2433 V

Determine
X a.c.

c,

Xa.c.
M, c,

Ii .,j1 + 0.2433 V Fig. 4.1.4.2-30

·2 .716 1.020

·1 .870 1.055

0 1.000 1.055

1 1.115 1.080

at M = 0.6 and 1.40

M = 0.6; {3 = 0.80;
{3

=
0.80

tan 46.320
= 0.764

(

Xa.c\ . = 1.05
c, JM = 0.6

(Figures 4.1.4.2-26d through -26f, interpolated)

{3
M = 1.40; {3 ;; O.98~

tan ALE
=

0.98

tan 46.320
= 0.936

(
Xa,e\ = 1.205
c, J M = 1.40

(Figures 4. J.4.2-26d through -26f, interpolated)

Since (tic) > 0.07, step 7 of the Datcom method is required.

(M
fb

) A = 0 = 0.82 (Figure 4.1.3.2-53a) }

(M
fb

) A = 0.88 (Figure 4.1.3.2-53b)

A cos2Ac/ 2 = (4.0)(cos 43.6)2 = 2.10

M
fb

is obtained during the course of

calculating C
L

• It is shown here, since
a

the calculations for CL are not given.
a

Ax •.c.

c,
= -0.19 (Figure 4.1.4.2 ·33). This correction is applied at Mfb + 0.07 = 0.95
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Construct the transonic a.c. curve using Sketch (c) as a guide.

1.2

xa.c.

1.0

T T J •
./V

M b + .07
V

/
.r.r... .

...... - , I.
ax

1\ a.c.

1\ c,

\:

.8
.6 .8 1.0

MACH NUMBER
1.2 1.4

Determine C
L

from Paragraph B, Section 4.1.3.2 (see calculation table below).
a

Solution:

C = In _x•.c\ c~ C
L

(Equation 4.1.4.2-f)
m a \ crJ C a

(i) ® @ @ ®
x cL cmx a.c. a aa.c. n·- lpe, dogl- c (per degl

c , s.c. 4.1.3.2. Eq.4.1.4.2.1,
M (falred curve) 1.09· ® Para. B ,.18@@

0.70 f 1.020 .070 ! .043 .0036

1

,
I

0.87 1.055 .035 I .045 .0019

0.95
\

0.865 .225 I .047
\

.0'25

1.00 1.055 .035 .024 .0010

1.10 1.075 .015 .040 .0007
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C. SUPERSONIC

Methods are presented for determining the wing aerodynamic-center location of the following two
classes of wing planforms:

Straight-Tapered Wings (conventional, trapezoidal wings)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings
Curved (Gothic and ogee) wings

These three general categories of non-straight-tapered wings are illustrated in Sketch (a) of
Section 4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2.

As is the case at subsonic speeds, the supersonic design charts also present information that is
basically that of Reference 2. The effects of Mach number have been added by means of the
Prandtl-Glauert compressibility correction, and the resulting design charts are an extension of those
used at subsonic speeds. The charts are directly applicable to straight-tapered wings. In treating
non-straight-tapered wings, the wing is divided into two panels and the individual lift and
aerodynamic-center location for each panel are used to establish the aerodynamic-center location
for the composite wing.

The design charts are applicable only in the linear-lift range. Within this range the effects of camber,
leading-edge radius, and trailing-edge angle are minor in regard to the aerodynamic-center
characteristics.

Although wing profile thickness has little effect on the supersonic wing normal-force-curve slope at
low angles of attack, provided the Mach lines do not lie near the wing leading edge (Sections 4.1.3.2
and 4.1.3.3), the situation regarding wing pitching moments is quite different. For unswept wings of
high aspect ratio at supersonic speeds, the area influenced by the three-dimensional flow within the
tip shock cones is relatively small compared to the large area between the tip shocks, where the flow
is two-dimensional. Under these conditions the wing moment characteristics are closely related to
the two-dimensional airfoil characteristics. In Section 4.1.2.2 it is shown that for airfoils the
aerodynamic center is very much a function of thickness ratio. As a first approximation, the a.c.
location for unswept wings at supersonic speeds may be taken as that of the corresponding
two-dimensional section.

For swept wings the three-dimensional flow within the shock cones is much larger, and the wing
cannot be treated as two-dimensional. Linear theory generally gives satisfactory results for these
wings.

As the Mach lines approach the leading edges of wings at supersonic speeds, the lift may deviate
considerably from linear-theory lift. These deviations (see Section 4.1.3.2, Paragraph C) are caused
by the finite thickness of the wing leading edge, which forces the leading-edge shock to be located
at a different position from that predicted by linear theory. For delta wings, at least, these effects
on lift are not reflected in the pitching moments. This is perhaps due to the fact that linear theory
predicts the same a.c. location for delta wings, whether the leading-edge shock is attached or
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detached. For other wings, linear theory does predict minor changes in a.c. location when the
kading-edge shock attaches. In general, however, it appears that the role of wing thickness in
causing deviations from linear theory at the sonic-leading-edge condition is much less for moments
than it is for lift.

DATCOM METHODS

Straight-Tapered Wings

The aerodynamic-center location of swept, straight-tapered wings at Mach numbers greater than 1.4
is obtained from Figures 4. I .4.2-26~ through 4.1.4.2-26f. These charts give the a.c. location as a
fraction of the wing root chord. For unswept wings, the method of Section 4.1.2.2 for
two-dimensional sections in supersonic flow may be used.

Non-Straight-Tapered Wings

The method presented in Paragraph A for predicting the aerodynamic-eenter location of
non-straight-tapered wings is also applicable at supersonic speeds. The normal-force-eurve slopes of
the constructed inboard and outboard panels are obtained from the straight-tapered-wing design
charts of Paragraph C of Section 4.1.3.2 (Figures 4. 1.3.2-56a through 4.1.3.2-561). The a.c.
locations of the constructed inboard and outboard panels, measured in root chords of the respective
panels, are obtained from the supersonic portion of Figures 4.1.4.2-26a through 4. I .4.2-26f.

Equation 4.1.4.2-e expressed in terms of the normal-foree-curve slope is

(CN.)i Sj C::c} +(CN•t S~
(x..c.) ~

C

xa .c. r.
1

=
(CN.)j Sj+(CN.L S~Cr

where x Ic is the aerodynamic center of the non-straight-tapered wing, measured in wing roota.c. r
chords,aft of the wing apex.

The limited availability of experimental data precludes the substantiation of this method for
double-delta and cranked wings. No experimental wing-alone cranked-wing data are readily available
for supersonic speeds. Test data for one wing-alone doubie-deita configuration are available
(Reference 3 I). This method predicts the a.c. location for this wing to within about one percent of
the test value.

A comparison of test data for three curved-wing configurations with x•.c.lcr calculated by this
method is presented as Table 4.1.4.2-<:: (taken from Reference 8). One of the configurations is a
wing-body combination, but the body is very small and the wing planform projection effectively
blankets nearly all the body. All. the wings investigated have straight trailing edges and one reflex
curve in the leading edge. The Mach-number and lift-coefficient ranges of the data are:

1.02 .;;; M .;;; 2.60
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Sample Problem

Given: The ogee wing-body configuration of Reference 29. Since the wing-planform projection
blankets nearly all of the body, the combination is treated as a wing-alone configuration.

5.IOin.

c
t

= 9.50 in.
j

(2.) = 3.0 in.
2 j

c,w = 20.0 in.

(t)~ =

c ' = 13.0 in.
'0

c = 20.0 in.,i

X' = 0o

'-; = 0.475

A~ = 1.57

Ai = 0.407

S~ = 66.3 sq in.

Sj = 88.5 sq in.

.ly = 1.50 in.

Aw = 1.20

Additional Characteristics:

Constructed Outboard-Panel Characteristics:

bw
2 = 6.0 in.

tic = 0.05 (rhombic wing sections - free-stream direction)

Constructed Inboard-Panel Characteristics:

Total-Wing Characteristics:

l.E. BREAK

c
'0

c
'j

mii==t~by,~l~%).
2

M = 1.82; /3 = 1.52

Compute:

(c ) (Section 4.1.3.2)
N a i

/3
tan ALE.

I

1.52=-~"--
tan 74.60

= 0.419

Itan ALE (CN ) J = 2.67 per rad (Figures 4. I.3.2-56c through -560, interpolated)
a theory j

I'CN
) ) = 2.67 = 0.736 per rad

\ a theory j tan 74.60
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• _ semiwedge angle
vi -

cos ALE

.!. (0.05)
= 2 0.5 (57.3) = 10.80

cos 74.6°

D.Yl = 5.85 tan 61 = 5.85 tan 10.8° = 1.116

r CN a ] = I 0 (Figure 4.1.3.2-60)

liCN a)'hoorv I .

(CNa)1 = r/CNC)a ]. [(CNa)'hOOrv]1 = (1.0)(0.736) = 0.736 perradli a theory I

f~'C}

(
x•.c.) _0465 (Figures 4.1.4.2-26a through -2/it, interpolated)
c

r
i - .

(CNa)~ (Section 4.1.3.2)

(A tan ALE)~ = 1.57 (tan 68.6°) = 4.01

(j = 1.52 = 0.596
tan ALE tan 68.6°

o

[
tan ALE (CN ) ], = 4.92 perrad (Figure 4. \.3.2-56a)

a 'heory 0

[(CNa),hoorv]~ = tan4:S~60 = 1.93 perrad

[~,:):-J

4.1.4.2-20

semiwedge angle
61 = =

cos ALE

! (0.05)
2 0.5 (57.3) = 7.850

cos 68.6°



~y1 = 5.85 tan Ii1 = 5.85 tan 7.850 = 0.807

c,;
(

x•.c.)· (c,~) ~y A= -- -- - - tan
c c c lE 0

r 0 r I r i

b.
+ -'

2c,
I

(Equation 4.1.4.2-<1)

Solution:

= (0.670) 13.0
20.0

= 0.789

1.50 (2.552) + 3.0 (3.630)
20.0 20.0

X•.c.

c,
=

(
x•.c.) + (C ).S' (x•.c,) ~
c . N a 0 0 C

r I r i
(Equation 4.1.4.2-e)

= (0.736) (88.5) (0.465) +(1.86)(66.3) (0.789)

(0.736)(88.5) + (1.86)(66.3)

= 0.677

The calculated value compares with a test value of 0.693 from Reference 29.

D. HYPERSONIC

The aerodynamic center of flat-plate straight-tapered wings approaches the area-centroid location as
the Mach number becomes large. However, the interrelated effects of viscosity, heat transfer, and
detached shock waves due to blunt leading edges cause deviations of the aerodynamic center from
the theoretical values. The magnitude of these effects has not been thoroughly evaluated. The
hypersonic method of this section is based on linear theory, which gives the location of the
aerodynamic center at the area centroid for high Mach numbers.
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DATCOM METHOD

The supersonic portions of Figures 4.1.4.2-26a through 4.1.4.2-26f give the a.c. location of straight
tapered wings at zero angle of attack. These charts are derived from linear theory in this region.
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TABLE 4.1.4.2·A

SUBSONIC AERODYNAMIC·CENTER LOCATION OF CRANKED WINGS

DATA SUMMARY

ALE. ALE
x x

a.c. a.c. ,
c c Percent,

0 , ,
Ref. Config. A A 7)8 (deg) (deg) M Cale. Test Error

22 W 5.19 .09 .380 60.0 25.0 0.13 .697 .688 1.3

4.16 Ie) ,430 45.0 .710 .708 0.3

3.00 .508 60.0 .706 .738 -4.3

1.89 .654 75.0 .619 .683 -9.4

23 I W 4.18 .364 .3001 b) 45.0 27.5 Ib) 0.13 .631 .630 0.2

.~ W 5.02 .105 .296lb) 45.0 28.2{b) 0.13 .686 .638 7.5
--

la) Raked wing tip ~ lei
Average Error = 3.8%

n
fbI Multi-panel wing approximated by two panels.
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TABLE 4.1.4.2-B

SUBSONIC AERODYNAMIC-CENTER LOCATION OF CURVEO WINGS

DATA SUMMARY AND SUBSTANTIATION

x x

"-E.
101 1\ ,(01

•.c. •.c.
0tw -- --

2f
, LEo c, c, Percent

Rol. Conflg. PI.nform A (d..1 Cdegl M Calc. Test Error

25 ·W Gothic .75 .250 66.0 78.0 .40 .508 .497 2.2

.70 .511 .512 .Q.2

.80 .515 .516 .Q.2

.85 .516 .520 .Q.8

.90 .519 .520 .Q.2

26 W Gothk 1.00 .334 57.2 74.6 .13 .494 .491 0.6

27 W Gothic .75 .250· 64.0 79.0 .09 .505 .511 ·1.2

28 W8 Gothic 1.33 .400 64.6 69.0 .21 .549 .524 4.8

.460 52.0 70.0 .478 .441 8.4

I 46.5 I .471 .448 5.1

.500 18.0 72.0 .385 .386 .Q.3

.225 73.0 79.0 .566 .550 2.9

.500 59.0 65.6 .661 .521 7.7

29 WB 0 ... 1.20 .300 74.6 68.6 .40 .635 .632 0.5

.70 .641 .645 .Q.6

.80 .645 .650 .Q.8

.85 .648 .654 .Q.9

.90 .650 .659 -1.4

30 W Oooe .92 .208 80.5 73.3 .30 .696 .691 0.7

I I I I I I I .80 .704 .701 0.4

tol Approximations used In a.c. prediction Avlt"llgt Error .. ~Iol
·2.0%

n
'--
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TABLE 4.1.4.2-<:

SUPERSONIC AERODYNAMIC-CENTER LOCATION OF CURVED PLANFORMS

DATA SUMMARY AND SUBSTANTIATION

I.) 1.1 x x

l>w ALE. ALE' .....!.&. a.c. •cr
-c-

Percent-,
2~

I 0 r
Ref. Config. Planform A Idog) Idog) M Calc. Tast Error

25 W Gothic .75 .250 66.0 7B.0 1.02 .542 .528 2.7

1.25 .549 .557 -1.4

1.30 .551 .557 -1.1

1.42 .553 .565 -2. I

1.61 .556 .580 -4.1

I.B2 .557 .580 -4.0

2.00 .554 .565 -1.9

29 WB 0 ... 1.20 .300 74.6 68.6 1.25 .676 .693 ·2.5

1.42 .674 .694 -2.9

1.61 .674 .693 -2.7

I.B2 .677 .693 I ·2.3I

I30 W 0 ... .92 .208 BO.5 73.3 1.40 .729 .745 -2.1

1.80 .723 .740 -2.3

2.20 .721 .735 -'.9

2.60 .720 .726 -o.B

(a) Approximations used in a.c. prediction Average error -
:£ 1.1

2.3%
n
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SUBSONIC AND SUPERSONIC SPEEDS
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SUBSONIC SPEEDS
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J{l'vJ~ed Jilnu<lry 1n4

I.I.U III\C I'IIUII"C \IU\IE:\T 1\ TilE NONLli\f:ARA:'<GLE·OF·.\TT\CK RA:\GF:

Methods Jrc presenkd herein for estimating the wing pitching-moment coefficient in the nonlinear
angle-or-attack region. In the subsonic ~peed regime methods are presented for both straight~tapered

and non-straight-tapercd wings. No generalized methods are presented in the transonic or supersonic
specJ regimes. However, at supersonic speeds a discussion of pitching-moment characteristics is
given for rcct;'.II1gul<.Jr Jnd triangular wings.

A. SUBSONIC

At subsonic speeds cmpirical Illt'thod~ arl~ presented for predicting the pitching-moment
charactcristics of the follC'w!pg !wp classes of wing Dlanforms'

Non-Straight-Tapered Wings (double-delta wings)

No method is presented for evalLwting straight-tapered wings of high aspect ratios. * For
iligll-aspect-ratio wings with low sweepb£lck, the center-of-pressure location beyond the linear-lift
range moves art. tending toward the wing midchord at full stall. The magnitude and rate of this
trend <Ire variable, depending largely 'on the particular airfoil section. Insufficient data are availahle
to predict, even from a qualitative standpoint, the pitching-moment characteristics of moderately
sWL'pl hlf!h-aspect-ratio wings beyond the linear-lift range.

For thin, low.-aspect-ratio wings there exist ;'.Ifcas of flow separation, even at moderate 'lngit's of
JttiH:k. Consequently, for these wings the pitching~rnomcnt curve has a tendency to become
nonline<.lr Jt mouaJte ,Ingles of attack.

Two methods arc presented for low-aspect-ratio straight-tapered wings. Method I is general and is
applicable to most low~aspect-ratio planforms. Method :2 is more restrictive in that it is JpplicJhle
only at M = 0.2 fot highly swept, constant-section. low-aspect-ratio, delta or dipped-dclta
configurations with large thickness fJtios; i.e., 0.10 ~ tic ~ 0.30. The uniquc feature of Method ~ is
ils considerJtion of the vortex-induced lift and its effect upon the pitching moment.

DATCOM METHODS

Straight-Tapcrl:d Wing"

Method I

The following empirical method is applicable to strJight-tapercLi wings that satisfy the folhw,'il1l:!
relationship:

A <;; ------
eC I + I) cos I\Ll'

6
"For Iht' purposes of this section, high-dspel.:t-ratlo wings are those for which A> . whert' ells the emplrlcClI 1<lf.Jtlr-
ratio fac.tor Ironl Sec.tlOn 4.1.3.4. Ie! + 11 cos ALE
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where

A is the wing aspect ratio.

C, is the empirical taper-ratio factor obtained from Figure 4.1.3.4-24b as a function of wing
taper ratio.

A
L

E is the sweepback angle of the wing leading edge.

The wing pitching-moment coefficient, based on the product of the
Sw Cw ' referred to the desired center-of-gravity location, is given by

(
X) Cc.p. r

C ; n - -- -C
m C C N

r

where

wing area and wing MAC

4.1.4.3-a

Xc .p.
-- is the

cr

n

c

is the chordwise distance in root chords from the wing apex to the desired
center-of-gravity location, positive aft.

is the ratio of the wing root chord to the wing mean aerodynamic chord.

is the wing normal-force coefficient, based on the wing area. This parameter should be
obtained from test data if available, or by using Equa~ion 4.1.3-a, i.e.,

where

CL is the wing lift coefficient from test data or from the methods of Sections
4.1.3.1,4.1.3.2, and 4.1.3.3.

CD is the wing drag coefficient from test data or from Sections 4.1.5.1 and 4.1.5.2.

a is the wing angle of attack.

It should be noted that in the absence of wing drag data, the normal force may be
approximated (see Section 4.1.3.3) by

cosa

wing center-of-pressure location, in wing root chords, measured positive aft from
xc.p.

the wing apex. Because of the various relationships used to calculate -- for angles of
cr

attack between 0 and 900 , the following step-by-step procedure is given to facilitate the

xc,p.
calculation of -- versus angle of attack.

cr

4.1.4.3-2



Step I. Calculate the center-of-pressure location at zero lift. The center-of-pressure location
at zero lift may be approximated as the aerodynamic center of a wing with a
symmetrical airfoil section, at zero angle of attack, which is given in Section 4.1.4.2
as a function of wing planform parameters.

Step 2. Calculate the center-of-pressure location at maximum lift by

4.1 A.3-b

where

C:,p) is obtained from Figure 4. 1.4.3 -21 a as a function of L'ly, the
airfoil section leading-edge sharpness parameter. The value of
L'ly can be obtained from Figure 2.2.1-8.

is obtained from Figures 4.1.4.3 -21 band -22a as a function of
wing taper ratio, aspect ratio, and leading-edge sweepback.

No specific Mach-number correction is included, because the experimental data
show only small and inconsistent shifts up to M '" 0.6.

Caution must be exercised when applying the method of this section to wings having
large values of (C1 + I) A cos ALE' Configurations of this type show large forward
shifts in center-of-pressure location with increasing lift coefficient. This forward
shift is related to flow separation and local loss of lift aft of the area centroid. In
situations where the forward shift in center of pressure takes place over a small range
of lift coefficients, the phenomenon is known as pitch-up. Empirical charts have
been developed to define approximate boundaries dividing configurations that show
pitch-up from those that do not. One such chart is presented in Figure 4. I .4.3-25.

It is important to recognize that the pitch-up characteristics for any given wing can
be strongly modified by wing twist and/or wing-Ieading-edge devices. An extensive
summary of information on pitch-up control devices is given in Reference I.

Because of their dependence on separation effects, pitch-up characteristics are also
sensitive to Reynolds number. Lowering the Reynolds number aggravates pitch-up
tendencies, and raising the Reynolds number suppresses them.

The charts for low-aspect-ratio wings apply to untwisted symmetrical-section wings
at Reynolds numbers near 6 x 106 , based on the mean aerodynamic chord.

Step 3. Calculate the variation of center-of-pressure location between cx = 0 and

0.6
(

tanCX('L )
mox
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a, Determine the stability Index from Figure 4.1.4.3-22b as a function of the wing
taper ratio. aspect ratio, and leading-edge sweepback.

b, Determine the asped-ratio index from Figure 4.1.4.3-24a as a function of wing
taper ratio, asped ratio, and leading-edge sweepback.

c. Determine the values of d (X~:)) from Figure 4.1.4.3-23a or -23h as a func-

tion of the stability
tan ('(

index and the ratio of ----
tan "c

L max

tan O'c
Lr.l ax

or --,-----
t3n ex

respec-

tan a:

d,

e.

(
Xc p) tan ex

tively. (The value of d -'-' at ~ I is zero.)
cr tan O:c

3 Lmax

(
Xc,PO)

Determine the values of d -;:;- 4 from Figure 4.1.4.3-24h as a function of

tan eYe
Lmax

the asped-ratio index and the ratio of or ,..----- '(The value of
tan" tan "c

L max

d C-~-.:-) at -ta-n-
t
-:-:-"-- ~ 1 is zero.)

4 Lmax

(
Xc,p,)

Determine the value of S by

"r

( X~:,)
ref

where

~

c::)
c lm .. (Xc.P')-,----- - -- cot "

sin (Xc c c l
L r C =0 max

In ax ·l

4.1.4,3-e

4.1.4.3-4

( xcc,',P.) C ?is obtained above in Step _.

lmax

O:c is tht: angh." of att<.lck at maximum lift obtained from
Lmax Section 4.1.3.4.



C~p)
r C l =0

is the zero-lift center-of-pressure location from Step I
above.

f. Using the above parameters determine the center-of-pressure location by

xc.p.

C, (X) t(X) (X) (X)]C.p. cpo c.p. '::.p.
= -c- cos Q' + -c- + ~ ~ + ~ ~ sin Q'

r C =0 r ref r 3 r 4
l

4.1.4.3-d

Step 4. Calculate the center-of-pressure location at an angle of attack of 90° This point IS at
the area centroid and is found by

where

cr

I ( I + OA)=3 A+O+!+"X 4.1 A.3-e

where

I
o = 4" A (I + A) tan ALE

4.IA.3-f

Step 5.

A is the wing aspect ratio.

A is the wing taper ratio.

Al E is the sweepback angle of the wing leading edge.

(
tall "elm,,)

Calculate the center-of-pressure location between ,,= tan- I and
0.6

xc,P.
" = 900 by assuming a linear variation of -. (The center-of-pressure locations

c,

(

tan "c )"l
M,"

corresponding te ,,= tan -1 .
0.6

and 4, respectively.)

and" = 900 are obtained from Steps 3

A comparison of test data with wing center-ai-pressure locations computed hy the use of the ahove
procedure is shown in Table 4.IA.3-A.

Method 2

This semiempirical method is taken from Reference 2, ignoring the small wing-planform nose-radius
effects. The semiempirical method was developed by using the test results of Reference 2,
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correlated with the theoretical predictions based on lifting-surface theory. Because of its
semiempirical nature. the method should be restricted to M ; 0.2 conditions for highly swept,
constant-section. low-aspect-ratio. delta or clipped-delta configurations with the following
geometric characteristics:

0.58';; A .;; 2.55

0.10 .;; tic';; 0.30

ArE ; 0

For round-nosed-planform configurations the reader is referred to Reference 2, where three
different planform-nose-radius models were tested. No incremental nose-planform effects are
presented here because of their probable configuration dependence.

This method essentially accounts for the effect of leading-edge vortex-induced lift upon the pitching
moment. For details regarding the leading-edge vortex-induced-lift increments, the reader is referred
to Method 2 for straight-tapered planforms in Paragraph A of Section 4.1.3.2.

The nonlinear pitching-moment characteristics, taken about the midpoint of the wing root chord
and based on the product of the wing area and root chord Swc" for a given angle of attack, are
estimated by

4.1.4.3-g

where

CL basic

~m

4.1.4.3-6

is the pitching-moment-curve slope from Method 2 of Paragraph A of Section
4.1.4.2, taken about the root-chord midpoint.

is the basic wing lift excluding any leading-edge vortex-induced effects, at the
particular angle of attack. This value must come from constructing the lift curve
using Section 4.1.3.1 for the determination of 0<0' and Method 2 of Paragraph A of
Section 4.1.3.2 for the determination of(CL ) ...

Ol bauc

is the wing zero-lift pitching moment obtained from Method 2 of Paragraph A of
Section 4.1.4.1.

is the pitching-moment increment about the root-chord midpoint due to the
leading-edge vortex. This parameter is evaluated at the particular angle of attack
using



-0.367 N:
L

4.1.4.3-h

where

Ll.CL is the lift increment due to the leading-edge vortex at the particular
angle of attack (see Sketch (b) in Section 4.1.3.2). This value is
obtained using Method 2 of Section 4.1.3.2.

AL E is the wing leading-edge sweep.

A is the wing taper ratio.

Ci is the wing angle of attack.

ij is the angle between the airfoil chord line and a line connecting the
airfoil trailing edge to the airfoil maximum upper-surface ordinate
(see Sketch (a)).

CHORD PLANE

V
-_':---<l.~ -- --

SKFfCH (a)

No substantiation of this method is possible because of the lack of low-aspect-ratio test data having
wing thickness ratios of 0.1 0 <;;; tic <;;; 0.30.

Non-Straight-Tapered Wings (Double Delta)

The empirical method (taken from Reference 3) presented herein is applicable only to double-delta
wings. This method should be applied with caution because it is based on a limited amount of test
data. The test data used in the formulation of the method were obtained for double-delta planforms
having the following geometric limitations:

4.1.4.3-7



The majority of the test data used in the method formulation are wing-body test data, where the
body effects have been ignored. The use of wing-body data can be justified because the data exhibit
large values for the ratio of wing span to body diameter and because of the scarcity of wing-alone
double-<1elta test data.

For a double-<1elta wing, the pitching-moment coefficient, based on the product of wing area and
wing MAC, referred to the desired reference-center location, is given by

where

(
X) Ca.c. r

, C = C +C n - K - -
m roo L m c C

r

4.1.4.3-i

n

Xa.c.

c,

cr

is the zero-lift wing pitching-moment coefficient obtained from test data on a similar
configuration or from Section 4.1.4.1.

is the wing lift coefficient obtained from test data or from Sections 4.1.3.1,4.1.3.2
and 4.1.3.3.

is the chord wise distance in root chords from the wing apex to the desired
reference-center location, positive aft.

is the empirical nonlinear pitching-moment factor, obtained from Figures
4.1.4.3-26a through -261' as a function of angle of attack, Mach number, and wing
leading-edge sweepback.

is the distance from the wing apex to the aerodynamic center measured in root
chords, positive aft. This parameter is obtained from test data or from the
double-<1elta-wing method of Section 4.1.4.2.

is the ratio of the root chord to the wing mean aerodynamic chord.

No substantiation table of this method is presented, because all available test data were used in the
method formulation. However, a sample problem is presented to illustrate the method.

Sampl.. Problems

1. Method I

Given: Conventional, straight-tapered wing of Reference 4.

A = 3.0 A = 0.143 NACA 65A003 airfoii

c = 0.240 ft

4.1.4.3-8

M = 0.6

C, = 0.353 ft

CL = 0.94
max

n = 0.572



Q

(deg) CL CD

0 0 0.006

8 0.48 0,070

12 068 0.145

14 0.76 0.192

16 0.82 0.237

18 0.88 0.300

20 0.92 0.340

22 0.94 0.385

28 0.88 0.475

The variations of CL and CD with "', CLm • x ' and "'cL
m

•
x

have been taken from the test data of
Reference 2 to facilitate the calculations.

Compute:

6
Determine if the straight-taper-wing method is applicable; i.e., if A <;;; =-=---

(C, + I) cos ALE

C, ; 0.36 (Figure 4.1.3.4-24b)

6
A <;;;c-:--::-::-c-::-:-=-=

( 1.36)(0.6252)

<;;; 7.06

The aspect ratio of this configuration is 3.0; therefore, the method IS applicable to this
particular configuration.

Determine the normal-force coefficient using Equation 4.1.3-a, i.e.,

Q cL cos Ct CD sin Ol CN

0 0 1.0 0.006 0 0

8 0.48 0.9903 0.070 0.1392 0.485

12 0.68 0.9781 0.145 0.2079 0.695

14 0.76 0.9703 0.192 0.2419 0.784

16 0.82 0.9613 0.237 0.2756 0.854

18 0.88 0.9511 0.300 0.3090 0.930

20 0.92 0.9397 0.340 O.:s42C 0.981

22 0.94 0.9272 0.385 0.:;746 1.016

2a 0.88 0.8829 0.475 0.4695 1.000

4.1,4.3-'1



Determine the center-of-pressure location at zero lift

A tan ALE = (3.0)(1.2482) = 3.7446

il = JI - M2

= JI - 0.36

= 0.80

0.80
= 1.2482 = 0.641

(x:.
c
.) = 0.635 (Figure 4.1.4.2-26, interpolated)

r C =0
L

(x:.
p

) =0 0.635
r c

L
=0

Determine the center-of-pressure location at maximum lift

I:>y = 0.6 (Figure 2.2.1-8)

(

Xc.P.) •
-;;;- 1 = 0.55 (FIgure 4.1.4.3-2Ia)

C3 = 0:28 (Figure 4.1.4.3-2Ib)

(C3 + I) A tan ALE = (1.28)(3.0)(1.2482) = 4.78

I:> C::) 2 = 0.045 (Figure 4.1.4.3-22a)

( XcC•rP.) C = (~C·rP) 1 + A ( XCCr•
P
.) 2... (Equation 4.1.4.3-b)

L max

= 0.55 + 0.045

= 0.595

4.1.4.3-10



Determine the variation of the center-of-pressure location between c;:

ex:;:; tan- 1(tan aClmax)
0.6

° and

(
0.4040)

0.6

= 33.950

Stability Index = 1.2 (Figure 4.1.4.3-22b)

A cos ALE = (3.0)(0.6252) = 1.8756

Aspect-Ratio Index = 0.17 (Figure 4.1.4.3-240)

tan Q ~ C·p) ~C:p.)•
tan Q"c

L
,

3 ' 4mox
Fig. 4.1.4.3~23a Fig.4.1.4.3-24b

8 0.348 -0.20 0.058

12 0.526 -0.12 -{l.02

" 0.617 -0.07 -{l.04

16 0.710 -0.03 -{l.05

18 0.804 0.Q2 -{l.06

20 0.901 0.01 -{l.03

22 1.0 a a
28 0.76· -0.09·· 0.15

(x: P
.)

r ref

=
(

xc.P.)-- cot 0<
C C L

I C max
L=O

(Equation 4.1.4.3-c)

0.595
= 0.3746 0.635 (2.475)

= 0.0168

tan etc
L max

-This value is the reciprocal, i.e.• --..:::::.:. so 0.76.
tan Ol

"From Figure 4.1.4.3-23b.
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Solution:

C,

(Equation 4.1.4 3-d)

--
x

c.p.
a cos 0: Sin Ot --

C,
(Eq. 4.1.4.3.d)

0 1.0 0 0.635

8 0.9903 0.1392 0.611

12 0.9781 0.2079 0.595

14 0.9703 0.2419 0.594

16 0.9613 0.2756 0.593

18 0.9511 0.3090 0.597

20 0.9397 0.3420 0.596

22 0.9272 0.3746 0.595

28 0.8829 0.4695 0.597
-

(
Xc.P.) Cr

n --- =CN
C, C

(Equation 4.1.4..h I

0.353--c
0.24 N

r-----,r-----. ,--_._-,

_~d:.:..:::)._+-__c._N..:-_+ c"m'-_
000

8 0.485 -0.0278

1"2 0.695 -0.0235

14 0.784 -0.0254

16 0.854 -0.0264

18 0.930 ~O.0342

20 I OQS1 -00346

___.~~_L_.~; L_.;~~~~~;

I
I
I,
I

_ ._.J

The calculated values are compared with test vahJ~s from Tl.d"r~nc. 4 in Sketch (1-1.
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-

~~~ 0

0
0

\

c

1/

7

1.0

.8

.6

CL

.4

.2

0

--Calculated

o Test points

o - .02 -.04 -.06 -.08 -.10
Cm

SKETCH (b)

2. Method 2

Given: The fnUllwing constant-section. low-aspect-ratio, clipped-delta configuration at c< = 20°

A 0.823 x= O.I~ NACA 2412 airfoil

M = 0.2 8=0 Ii = 6.800

C l. = 0.0272 per deg
"II

(Sample Problem 1 Method 2

C l.
,)111

- 00325 per deg
Paragraph A SectIon 4.1.3.2)

0.0091 (Sample PlOb1em 2 SectIOn 4.1.4.1)

de
'" =: ~O.0252 (Sample Prohlern 1 Section 4.1.4.2)
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Compute:

Determine "0 using Section 4.1.3.1

("0 \
6=0

c,
I

=" --1 C

'.

= 0.247

= 0.253
}

(Equation 4.1.3. hi)

(Table 4.1.1-0)

c,
•

= 0.105 per deg (Table 4.I.I-A)

0.253
<"oj = 0.247 - --

8=0 0.105

= -2.160

Now the complete lift curve can be constructed.

8

6

4

2

-4 o 4 8 12 16 20

ANGLE OF ArrACK, a (deg)
24 28

From the constructed lift curve

aCL = 0.088}
at (\' = 200

C'-basic = 0.449
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(-0.367) (0.088)
=

(I + 0.0806) (I + 0.0324) (0.8926)

= -0.0324

(
dCm )

= - C +C + toC
dCl ~asic mO m

= (~0.0243) (0.449) - 0.0091 - 0.0324

= -0.0524 (based on Swc" about ~)

3. Double-Delta Wing

Given: The double-delta planform of Reference 5.

\Equation 4.1.4.3-h)

(Equation 4.1.4.3-g)

A = 1.66

(C) = 0.016
rno WB

c = 21.68 ft

x
~ = 1.125

C

S = 505.9 ft2

n (~ ) = 1.04

M = 0.15

Compute:

•
(deg) cL

0 -0.06

4 0.10
8 0.29

12 0.51

16 0.74
20 0.96

i3 = JI - M2 = ..jl - 0.0225 = 0.989
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tan ALE. ; tan 82 0 ; 7.115
I

iJ 0.989
; -- ; 0.139

tan ALE. 7.115
I

Solution:

( x..c.) c,
n-K -- -

m C C,
(Equation 4.1A.3-i)

; C + C (n 2. _K x..c.)
rno L C m C

; 0.016+C
L

(1.04-1.125 K",)

Km
Q (Figures 4.1.4.3-26a)

Idogl through ·26fl Cm

0 1.0 0.021

4 0.995 0.008

8 0.985 -0.004

12 0.974 -0.013

16 0.971 -0.023

20 0.967 -{).030

The calculated values are compared with test values from Reference 5 in Sketch (c).

.10.08

em
SKETCH (c)

___ Calculated
o Test points

1.0

ltO,(.

•8

!fp
.6

~L itP
.4

}
1·

. 0e 0 -.02 -.04 -.06 - .-.04
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B. TRANSONIC

No generalized handbook method for estimating transonic values,of the wing pitching-moment
coefficient in the nonlinear angle-of-attack region is available in the literature. For double-delta
planforms it is suggested that the method presented in Paragraph A of this section for double-delta
planforms be applied with caution.

C. SUPERSONIC

No general method exists for predicting the supersonic pitching moments for wings at high angles of
attack. For this reason no charts on this subject are presented in this section. However, a discussion
of two particular types of configuration may provide some guides. The two configurations discussed
are rectangular and triangular planforms.

Rectangular Wings

For rectangular wings in supersonic flow at low angles of attack there are two l'rincipal flow
regimes - flow within the influence of the tip shock waves and flow at the center section. Flow
within the influence of the tip shock waves is essentially conical in nature, and flow at the wing
center section is two dimensional.

CONICAL
FLOW

I
TAW! T'-./

I
I

/
/ \

TRIANGULAR WINGS

CONICAL
FLOW

TWO-DIMENSIONAL
FLOW

RECTANGULAR WINGS

For the wing center section, then, two-dimensional pitching-moment characteristics apply. These
are summarized in Section 4.1.2.2.

The effect of the tip influence on the three-dimensional wing is to force the center-of-pressure
location forward.

The pitching-moment characteristics of rectangular wings in supersonic flow may be summarized as
follows:

I. At low angles of attack the center-of-pressure location moves aft with increasing angle of
attack, according to two-dimensional theory.

2. For situations where the tip influence is large compared to that of the two-dimensional
region, the center-of-pressure location moves forward with increasing angle of attack.
Trailing-edge separation on the wing center section also produces this effect.
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3. For angles of attack beyond that at which the wing leading-edge shock detaches, the
center-of-pressure location moves aft with increasing angle of attack. At an angle of
attack of 900 the wing center-of-pressure location is at the area centroid.

These variations of the center-<>f-pressure location with angle of attack are illustrated experi
mentally in the data of Reference 13.

Triangular Wings

For triangular wings the flow is conical over the entire wing. Two conditions apply - subsonic
leading edges and supersonic leading edges..

Triangular Wing with Subsonic Leading Edges

When the tri~ngular wing has leading edges swept well within the Mach cone, slender-body theory
applies. Slender-body theory makes no distinction between subsonic and supersonic speeds;
therefore, the supersonic triangular-wing characteristics should be very similar to the subsonic
triangular-wing characteristics. This is, in fact, the case and supersonic triangular wings with
subsonic leading edges show a slight forward shift in center-<>f-pressure location with angle of attack
that is remarkably similar to the subsonic shift. An illustration of this similarity is provided by a
comparison of the supersonic data of Reference 14 with calculated subsonic characteristics of the
same wing.

Triangular Wings with Supersonic Leading Edges

For triangular wings with supersonic leading edges, the center-<>f-pressure location changes very
little with angle of attack. This is to be expected, since the aerodynamic-center location at zero
angle of attack is at the area centroid, which is also the center-<>f-pressure location at an angle of
attack of 90 degrees. Because shock waves separate from the leading edges of triangular wings at
relatively low angles of attack (a result of sweep effects; see Section 4.1.3.3), the center of pressure
will never be far from the area centroid. Reference 15 gives the center-<>f-pressure variation of a
delta wing with supersonic leading edges.
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TABLE 4.1 A3-A
SUBSONIC WING-CENTER.()F·PRESSURE POSITION OF STRAIGHT·TAPEREO WINGS

DATA SUMMARY AND SUBSTANTIATION

Tan Q: I,. ) C )
e

Ref Airfoil R x 10-6
C.p. C.p,

A ALE • "V M • Percent

(dog) Section Tan CIlCL ldeg) I' cr calc Cr Test Errormax

6 3.5 63 0.25 64AOO6 1.27 0.1 8.0 0 0 1.145 1.123 2.0

II I I I II I
0.2 7.6 1231 1.181 4.2
0.4 15.0 1.109 1.070 3.6
0.6 21.9 1.024 0.994 3.0
0.8 2B.l 0.992 0.973 2.0
1.0 33.8 0.989 0.983 0.6

7 3 9.5 0.6 63A004 0.87 0.6 1.4 0 0 0.265 0.295 -10.2

11 1 1 1 11 1
0.2 2.85 0.264 0.253 4.3
0.4 5.7 0.284 0.273 4.0
0.6 8.5 0.307 0.293 4.8
0.8 11.3 0.340 0.340 0
1.0 14.0 0.365 0.386 -5.4

7 3 18.5 0.33 63AOO4 0.87 0.6 1.4 0 0 0.275 0.319 -13.8

11 1 1 1 11 1
0.2 3.4 0.288 0.289 -{J.3
0.4 6.75 0.320 0.301 6.3
0.6 10.1 0.341 0.344 -0.9
0.8 13.4 0.363 0.373 -2.7
1.0 16.5 0.375 0.388 -3.4

7 4 18.5 02 63AOO4 0.87 0.6 1.4 0 0 0.32 0.329 -2.7

11 1 1 1 11 1
0.2 3.07 0.318 0.310 2.6
0.4 6.1 0.335 0.328 2.1
0.6 9.1 0.35 0.352 -{J.6
0.8 12.1 0.364 0.377 -3.4
1.0 15.0 0.370 0.396 ~.6
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TABLE 4.1.4.3-A ICONTO)

Tan Cl
X ) Cp") e

Ref A ALE
, Airfoil t>y M A x 10--6 C.P.• Percent

(dogl Section Tan ClCL
max (dogl \ cr Calc r Test Error

8 3 0 1.0 63AOO4 0.87 0.6 2.0 0 0 0.23 0.25 -8.0

1 J j J 1 11 1
0.2 3.07 0.225 0.225 0
0.4 6.1 0.243 0.235 3.4
0.6 9.1 0.274 0.264 3.8
0.8 12.1 0.317 0.302 5.0
1.0 15.0 0.355 0.375 -5.3

8 6 0 1.0 63A006 1.34 0.6 - 0 0 0.25 0.25 0

11 1 1 1 11 I
0.2 2.44 0.235 0.23 2.2
0.4 4.9 0.230 0.233 -1.3
0.6 7.3 0.250 0.242 3.3
0.8 9.6 0.304 0.294 3.4
1.0 12.0 0.345 0.344 0.3

9 5 46.5 0.565 64A010 2.1 0.1 2.0 0 0 1.16 1.135 2.2

J I I I J J J I
0.2 5.3 1.159 1.149 0.9
0.4 10.6 1.13 1.129 0.1
0.6 15.6 1.07 1.058 1.1
0.8 20.5 1.036 1.03 0.6
1.0 25.0 1.045 1.026 1.9

10 6 46.2 0.6

T
1.34

"l
3.0 0 0 1.355 1.35 0.4

II I I I J

0.2 7.06 1.338 1.342 -0.3
0.4 13.9 1.178 1.205 -2.2
0.6 20.4 1.118 1.165 -4.0
0.8 25.4 1.162 1.165 -0.3
1.0 31.8 1.18 1.16 1.7

11 0.25 0 1.0 Flat Plate 0.745 0.1 2.0 0 0 0.07 0.10 -30.0

I I I J

tIc .. 0.02

1 J J

0.2 11.1 0.318 0.312 1.9

!
0.4 21.4 0.357 0.360 -0.8
0.6 30.4 0.368 0.360 2.2
0.8 38.1 0.381 0.358 6.4
1.0 44.4 0.378 0.356 6.2

12 2.84 52.0 0.616 Biconvex 0.6 0.12 5.9 0 0 0.856 0.850 0.7

I J I I
tIc· 0.05

II J

0.2 5.9 0.858 0.855 0.4

!
0.4 11.6 0.877 0.880 -0.3
0.6 17.1 0.837 0.842 -0.6
0.8 22.3 0.823 0.823 0
1.0 27.2 0.824 0.849 -2.9

4 4 51.3 0 65AOO3 0.6 0.6 0.75 0 0 0.70 0.692 1.2

J J I J I l I
0.2 4.5 0.669 0.68 -1.6
0.4 8.9 0.644 0.65 -0.9
0.6 13.2 0.628 0.636 -1.3

+
0.8 17.3 0.621 0.633 -1.9
1.0 21.3 0.610 0.630 -3.2

4 3 51.3 0.143 65AOO3 0.6 0.6 0.78 0 0 0.635 0.620 2.4

11 J 1 1 11 1
0.2 4.5 0.626 0.618 1.3
0.4 8.9 0.606 0.619 -2.1
0.6 13.3 0.595 0.585 1.7
0.8 17.5 0.596 0.597 -0.2
1.0 21.5 0.595 0.60 -0.8

Average Error
1:lel

• - = 2.9%
n
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SUBSONIC SPEEDS
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SUBSONIC SPEEDS
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4.1.5 WING DRAG

4.1.5.1 WING ZERO·L1FT DRAG

The total zero-lift drag or "profile" drag of a wing is usually considered to be composed of two parts,
skin-friction drag and pressure drag. This division of drag is applicable in all speed regimes except the free
molecular-flow regime, where the normal concept of skin friction does not apply.

Skin Friction

Skin-friction drag is caused by shearing stresses within the thin layer of retarded air on the surface of the
body known as the boundary layer. The boundary layer arises from the resistance of the viscous fluid to the
motion of the body passing through it. Friction drag is extremely important, since it accounts for most of
the drag at subsonic speeds and can be a major portion of the drag at high supersonic and hypersonic speeds.

The amount of viscous resistance depends greatly on whether the flow is laminar or turbulent, that is,
whether the paths of the fluid particles remain in parallel layers or move in a chaotic or fluctuating fashion
from layer to layer. The Reynolds number and the shape of the pressure distribution determine whether
the now over the wing is laminar or turbulent or a mixture of both. For practical considerations, tral.sition
from laminar to turbulent flow on a straight wing can be' assumed to occur at a Reynolds number of
approximately one million, based on distance from the leading edge. This usually corresponds to a position
close to the leading edge. Transition will occur at an even lower Reynolds number on a swept wing.
Accordingly, the methods presented for the subsonic, transonic, and supersonic regimes are for a fully
turbulent boundary layer. In the hypersonic regime, however, the boundary layer is more likely to be
laminar, because of the low Reynolds numbers associated with flight in the upper flight corridor.

Pressure Drag

At subsonic speeds pressure drag is usually small compared to skin-friction drag. It is caused by the dis
placement thickness of the boundary layer, which prevents full pressure recovery at the trailing edge. At
transonic and supersonic speeds, pressure drag is identified with wave drag and is quite significant.

A. SUBSONIC

Methods for predicting subsonic zero-lift drag for wings are necessarily empirical and are commonly based
on streamwise airfoil thickness ratio. The most frequently used method appears in chapter VI of reference
I and in such standard references as reference 2. The Datcom method is essentially that of reference I, but
it has been refined by applying a lifting-surface correlation factor from reference 3 which accounts for the
increased Reynolds-number length due to spanwise flow.

The Datcom method, taken from reference 3, is applicable to the following two classes of wing planforms:

Straight-Tapered Wings (conventional, trapezoidal planforms)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings
Curved (Gothic and agee wings)
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DATCOM METHOD

The subsonic wing zero-lift drag coefficient, based on the reference area Srer' is given by

[ it) (t)'] Swe,
Coo = Cr I + L \-;;- + 100 -;;- RL.S. -S

rer

where

4.1.5.I-a

t

c

L

Sre{

4.1.5.1-2

is the turbulent Oat-plate skin-friction coefficient from figure 4.1.5.1-26 as a function of Mach
number and the Reynolds number based on the reference length £. Figure 4.1.5.1-27 is used
in conjunction with figure 4.1.5.1-26 to determine C . Figure 4.1.5.1-27 presents the
admissible roughness £/k as a function of the Reynolds number based on the reference length.

£ is the reference length in inches-for a wing (or wing panel in the case of composite
wings) the length of the mean aerodynamic chord c.

k is the surface-roughness height in inches; it depends upon surface finish. Repre
sentative values for this parameter can be obtained from table 4.1.5.I-A.

The ratio £/k is computed and figure 4.1.5.1-27 is used to obtain the cutoff Reynolds
number. If the cutoff Reynolds number is greater than the computed Reynolds number for
the specific configuration, the value of Cr is obtained from figure 4.1.5.1-26 at the com
puted Reynolds number. If the cutoff Reynolds numbeds less than the computed Reynolds
number, the value of Cr is obtained from figure 4.1.5.1-26 at the cut.off Reynolds number.

is the average streamwise thickness ratio of the wing (or wing panel in the case of composite
wings).

is the airfoil thickness location parameter. L = 1.2 for (t/c>..... located at x, ~ 0.30c.
L = 2.0 for (t/c) located at x, < 0.30c (x, is the chordwlse position of maximummax
thickness).

is the wetted area of the wing (or wing panel in the case of composite wings).

is the reference area.

is the lifting-surface correction factor obtained from figiJre 4.1.5.1-28b as a function of the
Mach number and the cosine of the sweep angle of the airfoil maximum thickness line of the
wing (or wing panel in the case of composite wings). The solid curves of figure 4.1.5.1-28b
were developed in reference 4 from wing-alone test data for conventional trapezoidal plan
forms (including delta wings) having round-nosed airfoil sections. The dashed curves of figure
4.1.5.1-28b are from reference 3 and are arbitrary in the sense that no experimental data are
available to justify their use.

Figure 4.1.5.1-28b is used in the following manner:



Conventional trapezoidal planforms
(including delta wings)

Read value from solid curves.

RL.S.

Read value from solid curves for
outboard panels.

Non-straight-tapered wings Read value from dashed curves for
inboard panels when
COSA(I/') < 0.65.

max

Non-straight-tapered-wing geometric parameters are presented in Section 2.2.2.

In treating non-straight-tapered planforms equation 4.1.5.I-a is applied to both the inboard and the out
board panels separately (based on a common reference area) and then summed. Curved planforms are
approximated by combinations of trapezoidal panels, in which case two such panels are usually sufficient
to give a satisfactory result.

For convenience, the bracketed term in equation 4.1.5.I-a is presented in figure 4.1.5 .1·28a as a funclton
of tic and L. It should also be pointed out that the last term in equation 4.1.5.I-a represents the pres-
sure drag of the wing. -

Sample Problem

Given: The cranked wing of reference 23.
Inboard Panel:

c =4.175ft
'i

S; = ~.91 sq ft

A = 48.40
(t/c)rnax.

I

c, = 3.02 ft

A; = 0.339

(t/c); = 0.045

Ai = 1.14

(Swel); = 17.82 sq ft

NACA 63A004.5 airfoil (Xl @ 0.35c)

(~) = 1.594 ft,I (b/2)0

I
I
I
I,

,\ (/e)m ax
o

(b/2)

~_....I'- --J'l-'
Outboard Panel:

NACA 63A006 airfoil (Xl @0.35c) (~\ - 2.606 ft21
0

-
(t/c)o = 0.06

= 18.1 0 = 0.265 = 1.415 ft

Ao = 5.824 So = 4.665 sq ft Co = 0.996 ft
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Additional Characteristics:

M = 0.13 R2 = 0.90 x 106 perf! Smooth surface (assume k = 0)

Srer = Sw = 13.575 sq ft

Compute:

Inboard Panel

R2 =(0.90 x 106 )\<;) =(0.90 x 106 )(3.02) = 2.718 x 106

(Cr); = 0.00372 (figure 4.1.5.1-26)

[
t t 4]

1 +L(-;;)+ 100(-;;-) . = 1.053 (figure 4.1.5.1-28a, for
I

cos AWe) = cos 48.40 = 0.6639
max,

L = 1.2)

0.934 (figure 4.1.5.1-28b)(RL.S.); =

~=
Srer

Outboard Panel:

17.82

13.575
= 1.313

~ = "'; read (Cr). at calculated R2

(Crt = 0.00451 (figure 4.1.5.1 -26)

[1 +L(~)+ 100(~ft = 1.072 (figure4.1.5.1-28a,for L= 1.2)

cos A
I
'1 ) = cos 18.1 0 = 0.9505

C max
o

= 1.067 (figure 4. 1.5. 1-28b)

9.33
= -- = 0.687

13.575
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Solution:

= (coo), + (CoO)o

= (Cr)i [I + L(;) + 100(;)']. (R u ), (Ss~:!i
(0.00372) (1.053) (0.934) (1.313) = 0.00480

(equation 4.1.5.I-a)

(CrL [I + L (;) + 100 Cf] (Rut (S;")o (equation4.1.5.I-a)
o ref

(0.00451) (1.072) (1.067) (0.687) = 0.00354

CD (0.00480) + (0.00354) = 0.00834
o

This compares with a test value of 0.0086 from reference 23.

B. TRANSONIC

The transonic range varies greatly with airfoil shape and thickness, but for the purposes of consistency
with the bulk of the Datcom it can be considered to begin at approximately M = 0.6 and to end at
M = 1.2. The drag rise which marks the actual beginning of the transonic range occurs when the local
Mach number on some part of the wing exceeds 1.0 and shock waves form on the surface.

Because of the mixed flows, drag in the transonic range does not lend itself either to simple theoretical or
to experimental analysis. As in the subsonic regime, the total zero-lift drag can be separated into two parts
skin friction drag due to viscous forces and "wave:' or pressure drag due to the viscous dissipation asso
ciated with the formation of shock waves on the wing.

In the low~r transonic range the shock waves are essentially normal to the surface and serve to decelerate
local supersonic flow back to subsonic values. In the upper transonic region there are two shocks, a bow
shock ahead of the airfoil and a trailing-edge shock located near the trailing edge. When the bow shock
attaches itself to a sharp-nosed airfoil, the entire flow field over the surface becomes supersonic, thus end
ing the transonic region. For round-nosed airfoils the end of this range is less clearly defined, but it occurs
when the bow wave stands very close to the nose and supersonic flow predominates.

Skin Friction

Although it might be reasoned that skin friction should be increased for subsonic compressible flow
(lower transonic range) because of the relatively higher local velocities, experimental results show little
increase in drag due to viscosity. This is probably due to the compensating effects of Reynolds number
and Mach number as well as unpredictable changes in the transition point throughout the Mach number
range. Therefore, for the purpose of the Datcom the skin-friction drag will be assumed to be constant and
equal to the subsonic value at M = 0.6 throughout the transonic range.

Wnve Drag

For a given airfoil, it is possible to estimate the critical Mach number and subsequent drag rise accurately.
I-fowever, the variables involved in a wing design that affect the manner in which the shock waves develop
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on the surface, and hence the drag-rise characteristics, are many. They include not only sweep, aspect ratio,
taper ratio, and thickness ratio, but also the variations between root and' tip in thickness, position of maxi
mum thickness, incidence, and leading-edge geometry. Also, wings designed to fly transonically usually
include some treatment, often made by contouring the fuselage, to minimize the "kink" effect at the root
and tip. A wing can be designed to become critical from root to tip at the same time and have a flat drag
curve with a delayed abrupt steep drag rise. Another wing can be designed which has an identical planform
and the same average thickness ratio but has an entirely different shock development, producing a very
gradual drag rise starting at a much lower Mach number.

For this reason, it is very difficult to correlate data in this region even on the basis of similarity parameters.
The method presented here should be used only for flfSt-order approximations on wings of relatively
simple geometry. For cases where the design is aimed at optimizing transonic characteristics, detailed
analysis of the isobar development on the wing must be made, in order to arrive at a reasonable drag
estimate.

Since the transonic range begins when the first shocks form on the wing and ends when supersonic flow
predominates, the amount of wave drag varies from zero at the lower speed to a peak value at the higher
speeds within this range. From the standpoint of drag analysis, it is therefore convenient to relate this
increase in drag to several parameters. These are discussed below.

The Mach Number for Drag Divergence

The free-stream Mach number at which sonic velocity is first attained on some portion of the
wing is called the "theoretical critical Mach number." However, since experimental evidence
indicates that there are no abrupt changes in force characteristics until the critical Mach num
ber is exceeded by a substantial amount, it is usual to define the Mach number at which the
drag starts to increase rapidly as the'drag-divergence Mach number. It is further arbitrarily
defined in the literature as the Ma"h number at which the numeri,,"1 value of the slope of the
curve of Co vs M is 0.10.

4.1.5.I-b
= 0.10

The Maximum Wave-Drag Increment and the
Mach Number at Which It Occurs

For two-dimensional airfoils, the peak wave drag occurs near M = 1.0. Linear theory predicts
a pressure coefficient inversely proportional to (I - M2) in high subsonic flow and
(M2 - I) in supersonic flow; thus indicating a maximum value near 1.0. In practice, however,
the magnitude of this peak and the Mach number at which it occurs vary greatly with airfoil
thickness, section shape, aspect ratio, and sweep; consequently, no reliable method has been
devised te predict these values accurately.

The most useful tools available for correlating data in estimating wave drag in the transonic range are the
'/on Karman similarity laws (reference 5). These laws state that for two-dimensional flow, the flow pattern
over two airfoils must be the same if the value of (t{c)I/3 I I - M2 I has the same value for each airfoil.
Hence, if drag is known for one wing section as a function of Mach number, the corresponding quantity for
similar seclions can be computed by the simple relation CD ex (t{c)5/3. Extensions of these laws have been
made by Busemann and Spreiter to include three-dimensional effects (references 6 and 7).

The Datcom method is applicable only to conventional, trapezoidal planforms.

4.1.5.1-6



DATCOM METHOD

The zero-lift drag coefficient of conventional, trapezoidal planfonns over the transonic speed regime is
approximated by the following steps:

Step I. Determine the skin-friction drag coefficient at M = 0.60 by

C = C [I + L (!..)] Swot
0 1 I Ic Stor

4.1.5.I-c

Step 2.

Step 3.

Step 4.

where Co is the skin-friction drag coefficient based on the reference area, and the
I

remaining parameters are defined in the Datcom method of paragraph A. This value,
calculated at M = 0.6, is assumed to be constant throughout the transonic region.

Determine the wave-drag coefficient CD at transonic Mach numbers for an unswept
w

wing and construct the curve of CD vs Mach number for the appropriate thickness
w

and aspect ratio from figure 4.1.5.1-29. Values of (t/c)I/3 and (t/c)5/3 are given
below to facilitate calculation:

tic (t/c)I/3 (t/c)5/3

0.12 0.493 0.0293
0.11 0.479 0.0254
0.10 0.464 0.0217
0.09 0.448 0.0181
0.08 0.431 0.0148
0.07 0.412 0.0118
0.06 0.392 0.0092
0.05 0.368 0.0068
0.04 0.342 0.00468
0.03 0.311 0.00292
0.02 0.271 0.00147

From the curve of CD vs M, read C M. d
w D , ""C

D
,an

W peak A 0 wpealt
./4 • A./4 • 0

Mo A • 0 The Mach number for drag divergence Mo is obtained by a graphical
./4 A./4 • 0

interpretation of equation 4.1.5.I-b; i.e., Mo is read at the point of tangency to
A./4 = 0

the CD vs M curve of a line whose slope is aco / aM = 0.10.
w

For a wing having sweep. convert values from the straight-wing curve as follows:

=

Mo
A./4 • 0

(cos n)1/2
4.1.5.1-<1

CD
*pcakA an

./4

4.15.1..,
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Meo
wpeakA ·0,'4=-------'---

(COS n)I/2
4. 1.5. I-f

Step 5.

Step 6.

Construct the curve of Co vs M for the swept wing by using the values determined in
w

step 4 and the slraight-wing curve of CD vs M to aid in fairing.
w

The zero-lift drag coefficient is obtained by adding the constant value of skin-friction drag
coefficient determined in step I to the wave-drag over lhe transonic speed range deter
mined in step 2 for unswept wings or in step 5 for swept wings.

4.1.5.I-g

Sample Problem

Given: The zero-taper-ratio wing of reference 24.

A = 4.0 A = 0 SWcl = 1.390 sq ft

NACA 63A006 airfoil (x, @0.35c)

Additional characteristics:

R~ = 1.4 x 106 (based on~)
M-O.6

Smooth surface (assume k = 0)

Compule:

Determine the skin-friction drag coefficient.

= a>; read Cr at given R~ at M = 0.6.

= 0.0042 (figure 4.1.5.1-26)

S"r = Sw = 0.695 sq ft

I (t)] Swot
CD = Cr I + L - --

r c Sur
(equation 4.1.5.1-c)

1.390
• 0.004211 + (1.2)(0.06)] 0.695

= 0.0090 (based 011 Sw)

Determine and construct the variation of CD with Mach number for an unswept wing ..,

4.1.5./-8



A(_C
t )J/3 -- (4.0) (0.392) ;:: 1.568

~
Co

w---
1t/c)5/3 CD

w
M It/cl 1/3 fjg.4.1.5.1_29 ® (Q.OO92)

0.85 1.34 0.07 0.00064

0.90 1.11 0.58 0.0053

0.925 0.97 1.10 0.0101

0.95 0.80 1.95 0.0179

0.975 0.57 2.75 0.0253

1.00 0 3.02 0.0278

1.05 0.82 3.10 0.0285

1.10 1.17 3.12 0.0287

1.15 1.45 3.13 0.0288

Plot CD VS M for the unswept wing (sketch (a».
w

.03
WEPT

PT

1.21.11.0
M

SKETCH (a)

.9.8

UNS
/ SWE

1//
t--3CD

[I
-- ; 0.10

"" I.3M

~ I 'Itf---- DA
C

/ 4 = 0 ... v-MoI I ~ Ac/4 = 14.5°

//
o

.7

.01

.02
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Read the following values from the curve of Co vs M for the unswept wing.
w

M = 0.875
0" =0c/4

= 0.029

= 1.10

Apply sweep corrections

M
M 0"C/4- 0 0.875

0" = 1450 = ---"----=---- = 0.889 (equation 4.1.5.1-d)
c/4· (cos 14.5°)1/2 (0.9681)1/2

CD = CD (cos 14.5°)2.5 (equation 4.1.5.1-e)
w w

peak" = 1450 peak" =0c/4 . c/4

= (0.029) (0.9681)2.5

= 0.0267

Men
w

peak" • 0

Me
c/4

(equation 4.1.5.1-0=
Ow (cos 14.5°)1/2

peak" = 1450c/4 .

1.10
=

(0.9681 )1/2

= 1.12

Construct the curve of Co vs M for the swept wing using the straight-wing curve to aid in fairing.
w

Solution:

Co = Co + Co (equation 4.1.5.1-g)
o r w

4.1.5.1-10



Co CD

CD w 0
M f sketch I.) (§)+@

0.85 0.0090 0 0.0090

0.90 0.0036 0.0125

0.925 0.0070 0.0160

0.960 0.0127 0.0217

0.975 0.0197 0.0287

1.000 0.0238 '0.0328

1.060 0.0262 0.0362

1.100 0.0265 0.0355

1.150 0.0265 0.0355

The calculated results are compared with test values from reference 24 in sketch (b).

.04

.03

CD o
.02

.01

o

-(ALCIULA~ED I
V6 c:> ;>

c:> EXPERIMENTAL f
1/

'"
I

/
./

.6 .7 .8 .9
MACH NUMBER

SKETCH (b)

1.0 l.l 1.2
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C. SUPERSONIC

Skin Friction

At supersonic speeds it can be shown theoretically that an increase in Mach number results in a decrease
in the skin-friction coefficient at constant Reynolds number. This variation, when zero heat transfer is
assumed, is due primarily to the variations in temperature and density. In actual cases, where the airplane
is transmitting heat to the boundary layer, or where the aircraft is cooled to a point where heat from the
boundary layer is transmitted to the skin, the reduction in skin-friction coefficient becomes a function of
the heat-transfer condition. The full reduction in skin friction at supersonic Mach numbers is justified
only when stabilized conditions and zero heat transfer are attained. Therefore, to obtain accurate super
sonic skin-friction coefficients, it is necessary to know the heat·transfer conditions on various portions of
a night vehicle throughout its mission. Since this information can be obtained only by detailed analysis,
some assumptions regarding the skin friction are usually made. For nights of long duration, equilibrium
(zero heat transfer) is generally assumed. For transient night, the skin-friction coefficient will vary
between the incompressible value and that for zero heat transfer. Another important consideration for
estimating the skin-friction drag at supersonic speeds is the Reynolds-number variation throughout the
night regime. The design chart used in the Datcom method presents the turbulent skin-friction coefficient
on an insulated nat plate as a function of Mach number and Reynolds number.

Wave Drag

Numerous theories are available for calculating the wave drag of wing planforms at supersonic speeds. No
attempt is made to discuss all of these theories and their limitations; however, table 4.1.5.1-8 presents a
summary of various planforms for which solutions exist. In general, the well-known linear supersonic theory
has proved useful in indicating the trends of wing wave drag for the majority of conventional, tapered,
trapezoidal planforms with subsonic leading edges (see reference 8).

In discussing the flow regions over a wing, the following general classifications are convenient (see
sketch (c».

Subsonic Wing Leading Edge-If the ieading edge of the wing is swept behind the Mach cone, the
velocity component normal to the leading edge is subsonic and hence the leading edge is said to be
subsonic.

Supersonic Wing Leading Edge--If the leadmg edge is forward of the Mach cone, the normal velocity
component is supersonic and the wing is said to have a supersonic leading edge.

Similar terminology can be applied to the wing trailing edges. For either subsonic or supersonic leading
edges the region inside the Mach cone is called the "conicai flow" region. In this region the velocity compo
nems are constant along rays emanating from the apex and the flow is not influenced by the presence of
the tip or trailing edge.

When the leading edge is supersonic, the region outside the Mach cone is called the '"two-dimensional flow"
region and the velocity distribution in this region is identical to that of an infinite wing having the same
leading-edge sweep.

4.1.5.1-12
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SKETCH (c)

It should be pointed out that due to the approximations of linear theory, kinks occur in the drag curves
when lines across which the flow is turned become sonic, namely. leading and trailing edges and ridge lines
of polygonal sections. These kinks do not occur in practice, since t"hey correspond to flow conditions for
which linear theory is no longer valid.

The Datcom method for estimating supersonic wave drag is taken from reference 3 and is based on the
results that have been obtained from linear supersonic theory for the two-dimensional case.

The Datcom method IS applicable to the following two classes of wing planforms:

Straight-Tapered Wings (conventional, trapezoidal planforms)

Non-Straight-Tapered Wings

Double-delta wings
Crank.ea WlOgS

Curved (Gothic and ogee) wings

DATCOM METHOD

The wing zero-lift d.:-ag coefficient at supersonic speeds, based on the reference area Srer' is given by

4.1.S.I-h

are the supersonic skin-friction drag coefficient and the supersonic wave-dragwhert~ Co and CD
r w

coellicient, respecti"ely, both based on a common refercnt.:e afl;~a. and d~t~nnined in the following
manner:

4.1.5.1·13



Skin-Friction Drag Coefficient

The supersonic skin-friction drag coefficient is given by

Swet
= Cr -S

"r

for a conventional, trapezoidal planform, and

for a non-straight-tapered planform.

where

4. 1.5. I-i

4.1.5.I-j

S"r

is the turbulent nat-plate skin-friction coefficient from figure 4.1.5.1-26 as a function of
Mach number and the Reynolds number based on the reference length £. The reference
length £ is the mean aerodynamic chord of the wing (or wing panel in the case of composite
wings). Figure 4.1.5.1-27 is used in conjunction with figure 4.1.5.1-26 to determine Cr' The
procedure for determining Cr is fully explained in the Datcom method of paragraph A.

is the ratio of the wetted area of the wing (or wing panel in the case of composite wings) to
the reference area.

The subscripts i and 0 refer to the inboard and outboard panels. respectively. of composite planforms.

Curved planforms are approximated by combinations of trapezoidal panels, in which case two such panels
are usually sufficient to give a satisfactory result.

Non-straight-tapered wing geometric parameters are presented in Section 2.2.2.

Wave-Drag Coefficient

The form of the equation for the supersonic wave-drag coefficient is in accordance with the results that have
been obtained from linear supersonic theory for the two-dimensional case. The effects of changes in wing
planform and variable thickness ratio are accounted for by defining an effective thickness ratio and comput
ing the wave-drag coefficient on a basic planform shape. A distinction is made between wings with sharp
nosed airfoil sections and wings with round-nosed airfoil sections.

Wings With Sharp-Nosed Airfoil Sections

For wings with sharp-nosed airfoil sections

= ~ (.!.)2
f3 C off

when the leading edge of the basic wing is supersonic (f3 cot ALE "I). and
'bw

4.1.5.1-14
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= K cot ALE (.!..)2
bw C efi

4.1.5.1-2

when the leading edge of the basic wing is subsonic (13 cot A, E < I).
- bw

The subscript bw refers to the basic wing (straight leading and trailing edges), and

Sbw is the area of the basic wing - for conventional, trapezoidal planforms, the total wing area.
The selection of the basic planform for non-straight-tapered wings is arbitrary, but should
deviate as little as possible from the actual wing. Typical non-straight-tapered wings and the
basic planforms used in wave-drag estimations are illustrated in sketch (d).

DOURLE DELTA

E2:2l BASIC PLAN FORM

CRANKED CURVED

DEFINITION OF BASIC PLAN FORMS OF NON-STRAIGHT-TAPERED
WINGS FOR SUPERSONIC WAVE-DRAG ESTIMATION

SKETCH (d)

is the effective thickness ratio (for a conventional, trapezoidal planform, use the
average thickness ratio (t/c).. ). For a nonstraight-tapered planform the effective thick
ness ratio is defined in terms of the basic planform and is given by

y,

4.1.5.I-m

where c w is the chord of the basic wing. Note that in the numerator, the chord of the actual
wing and'the chord of the basic wing both appear. The denominator is one-half the planform

,., """" "",k w;o,. w ,,", [/'&r ~. ,,)"
I.!...) _ 4.1.5.I-m'

\c eff - (S;w(
4.1.5.1-15



Numerical integration of the integrand in the numerator is illustrated in the sample
problem.

II. is the leading-edge sweep of the basic wing.LE bw

K is a constant factor for a given sharp-nosed airfoil section. For basic wings with variable
thickness ratios the K factor is based on the airfoil section at the average chord. K
factors for sharp-nosed airfoils are presented in the following table:

SHARP-NOSED AIRFOILS

Basic Wing
Airfoil Section K Section

16Biconvex < :>
3

:
Double Wedge

c/x, EOI - x,/c

c(c-x
2

) < :>
Hexagonal e:2gxl X3

Wings With Round-Nosed Airfoil Sections

Wings with round-nosed airfoil sections exhibit a detached bow wave and a stagnation point, and the
pressure-drag coefficient increases as a function of Mach number in a manner similar to the stagnation
pressure. Consequently, a constant value of K cannot be used for basic wings with round-nosed airfoils.

The wave-drag coefficient of wings with round-nosed airfoil secti'!ns is approximated by adding the pres
sure drag of a blunt leading edge to the wave drag of the basic wing with an assumed sharp leading edge.
By assuming a biconvex shape aft of the leading edge, the wave drag of a round-nosed leading-edge wing
is given by

16 (t)2
+ 3/l -;; err

4.1.5.I-n

when the leading edge of the basic wing is supersonic (/l cot A
LEbw

" I), and

16
= Co + - cot ALE.

LE 3 DW

4.1.5. J-I 6
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when the leading edge of the basic wing is subsonic (13 cot AlEbw < I).

The second terms on the right-hand side of equations 4.1.5 .l-n and 4.1.5.1-0 are the wave-drag coeffi
cients of the basic wing with sharp-nosed, biconvex airfoils at the appropriate leading-edge condition, and

is the pressure-drag coefficient on a swept, cylindrical leading edge obtained as a function
of the Mach number and the leading-edge sweep of the basic wing from figure
4.1.5.1·-30a or figure 4.1.5.1-30b. The term (2rlE bbw /cos ALE ) is the frontal area

bw bw

of the leading edge. For basic wings with variable thickness ratios the leading-edge radius
rLE is the radius of the section at the average chord.

bw

The correlation of cylindrical leading-edge pressure-drag coefficients is derived in reference 19 and
has been substantiated over the Mach number range from 0.5 to 8.0 and for sweep angles from 0 to
750 .

Sample Problem

Given: The double-delta wing designated 6-67-67, of reference 25.

Actual Wing Characteristics:

A = 2.42 A = 0.086 ALE. = 70.670
, ALE = 51.630

o

= -47.380 = 26.620 b

2
= 12.0 in. = 0.40

Sw = S..r = 238 sq in. : varies, (see sketch (eJ)

Inboard- and Outboard-Panel Characteristics (skin-friction drag calculations):

Inboard panel:

Ai = 0.293 c, = 18.9 in.

Co = 5.54 in.AO = 0.2995

(Swet)o = 146sqin.So = 73 sq in.

c = 7.77 in.ro

S; = 165 sq in.

c = 26.58 in.
r;

Outboard panel:

4.1.5.1-17



Basic Wing Characteristics (wave-orag calculations):

cr = 11.43 in. \w = 0.20
bw

ALE = 51.630
A.rEbw

= 26.620

bw

(~L = 12.0 in. Sbw = 146.6 sq in.

Airfoil Characteristics:

Hexagonal, sharp leading edge

0.06 (constant)(t/C)bw =

Smooth surface (assume k = 0)

I

3

M = 2.01; /l = 1.744

R~ = 3.35 X 106 per ft

c c c
Additional Characteristics:

Compute:

Skin·friction drag coefficient

Inboard panel

: = '" ; read (Cr) i at calculated R~

(Cr); = 0.00255 (figure 4.1.5.1-26)

Outboard panel

: ="'; read (crL at calculated R~

(cr). = 0.00318 (tlgure4.1.5.1-26)

(equation 4. 1.S.I-j)
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(
330) (146): (000255) - + (0.00318) -
238 238

0.00548 (based on S"rl

Wave-drag coefficient

e(e-x,)
K :

Determine (t/el,rr

: 6.n

............... r--..
..............r--

r--r-....
........r-.... r-....

..............
...............

8

The thickness distribution of the actual wing and the chord distribution of the basic wing
are shown in sketch (e \.

12

(in.) 4

CHORD

o
o

.08

THICKNESS
RATIO

t/e .04

2 4 6 8 10

SEMISPAN STATION, y (in.)
CHORD DISTRIBUTION (BASIC WING)

~-........-

V V

12

o
o 2 4 6 8 10 12

SEMISPAN STATION Y (in.)

THICKNESS DISTRIBUTION (ACTUAL PLANFORM)

SKETCH (e)

Sketch (f) shows [(t/e)2 eb I versus spanwise position.
w b/2 ,

Graphical integration of this curve gives f (~) e
bw

dy = 0.220 sq in.

o
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bt2 1

j mCbw dyet = _O_""'~-S---
2 bw

0.220
= I = 0.0030

2"(146.6)

f.!-) = 0.0548
\c ,ff

(equation 4.1.5. rom')

.032

.028

.024

.020

016

.012

.008

.004

o

bl2 1f (~) Cbw dy = 0.220 sq in.

J

/ 1\
/ '\,

/ "'-
il \

I '\

/ \

/ '\
/ \ ,

/ \.

/ \
:
I

"1
I

I
I

•
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~cotALE ; (1.744) (cot 51.63°)
bw

1.381 (supersonic leading edge)

K {t)2
; Ii ,~ efr

(equation 4.1.5.I-k)

; (~) (0.0548)2 C46
.
6

)
1.744 238

0.00636 (based on S"r)

Solution:

(equation 4.1.5.I-h)

= (0.00548) + (0.00636)

0.01184 (based on S,<1)

D. HYPERSONIC

The characteristics of hypersonic flow differ from those of supersonic flow in that

I. The shock waves in hypersonic flow lie close to the body causing a strong boundary-Iayer-
shock-wave interaction which exerts an important influence on the flow field. The boundary
layer in hypersonic flow may be 10 to 100 times thicker than at low speeds; consequently,
a change in the effective body shape results,which in turn brings about a change in the shape
of the nose shock wave.

2. High-temperature gas effects become evident at hypersonic speeds.

3. The flow becomes essentially nonlinear in nature.

4. Hypersonic similarity exists. It has been shown that at hypersonic Mach numbers the potential
flow of similar airfoils is dynamically similar if the product ~(t/c) is a constant.

An approximate criterion for defining hypersonic flow is

t
~- ;,0.5

c

Since, in hypersonic flow, ~ is very close to M, the relationship Mlt/c); K, is used as the hypersonic
similarity parameter.

Because of the nonlinearity of hypersonic flow, approximate methods of estimating force charac
teristics are very desirable. Among the methods used, Newtonian and modified Newtonian theory have
proved quite useful. Newtonian theory (reference 20) is based on the assumption that the shock
coincides with the wing surfaces and that no frktion exists between the wing and the shock layer.
The fluid particles ahead of the wing are not disturbed until they encounter the wing surface, at which
pointthe relative momentum normal to the surface is lost and the tangential flow has no further change
in velocity. In this case, the air may be visualized as composed of discrete particles, which, after impad.
travel parallel to the surface. When the particles reach the free-stream direction, they leave the surface,
giving c:isentially zero pressun: on the leeward side.
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DATCOM METHOD

The drag at zero-lift is approximated by the drag of the forward-facing surface. Typical values of CO /2T2

o
for a wedge, as predicted by Newtonian theory, arc presented in the following table from reference 20.
(T is one-half the thickness ratio of the forward·facing surface). It is to be noted that the drag can be
reduced as much as one-half by optimization of the shape behind the initial wedge angle.

TYPICAL VALUES OF Co FOR A WEDGE
o

Two-OilTMlnsiONlI

(Ref.renctl 20)

CD
0

1

(coo)•. opt.
--CD

Shope 2T2 0

w_
1.000 2.000

0.864 Power 0.918 1.836

Proper Optimum 0.770 1.540

Absolute Optimum 0.500 1.000

Detailed discussions of optimization methods are given in reference 20.

E. RAREFIED GAS

In the previous speed regimes it is assumed that the air behaves as a continuum. At very high altitudes,
however, where very low densities are encountered, the actual molecular structure of the air becomes
extremely important. Figure 4.1.5.1-32 presents a qualitative division of the various regimes of gas
dynamics. It is to be noted that the region of rarefied gases is further divided into regions of varying
amounts of rarefaction; i.e., "slip flow" or slightly rarefied, "transition" or moderately rarefied, and
"free-molecule flow" or highly rarefied.

Slip Flow

The slip·now region is of most interest to the aircraft and missile designer. In this region continuum
theory becomes questionable, and satisfactory analytical results are uncommon, since the effects of slip
flow are usually masked by large compressibility and viscous effects. Figure 4.1.5.1-33 (reference 21)
presents test data points for skin friction in slip flow compared with incompressible theory for con~

tinuum flow (reference 22). It should be noted that in the subsonic case the test data are generally lower
than the theoretical, while at supersonic speeds they are generally hibher. This tends to confirm the
theory that skin friction in the slip-flow regime is affected by two interrelated phenomena, the inter
action of the thick boundary layer with the inviscid flow and the slip at the surface. The former is more
important at the higher densities, grad"ally giving way to the latter for densities extending into the
transition regime.
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Transition Flow

Present knowledge about the transition regime is extremely limited and will not be covered here.

Free-Molecule Flow

In the free-molecule flow regime, the mean free path of the molecule is large compared to lhe charac
teristic dimension of an aerodynamic body in the flow, and the individual gas molecules striking the body
do not interact with the surrounding molecules. For this reason the incident now is assumed to be
undisturbed by the presence of the body and no shock waves are expected to form. The boundary layer
is very diffuse and has no effect on the flow incident on the body.

The problems associated with free-molecule flow are of particular interest to the satellite designer. In
contrast to the other two regimes of rarefied-gas flow, the free-molecule regime can be treated analy
tically with less difficulty. The drag values of a flat plate with 0< =0 for diffuse and specular reflection
are shown in figures 4.1.5.1-34a and 4.1.5.1-34b, respectively. Diffuse reflection is one in which the
velocity of the reflected particles have a Maxwellian velocity distribution (see sketch (g)). Specular
reflection is one in which the normal momentum is reversed at the surface and the tangential momem
tum remains constant.

DIFFUSE REFLECTION SPECULAR REFLECTION

SKETCH (g)
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TABLE 4.1.5.1-A
REPRESENTATIVE VALUES OF SURFACE·ROUGHNESS HEIGHT

Equlvahlnt Sand Roughn..
Type of Surface k (Inc")

AerodynamiCllly smooth 0

PQlilhad matIIl Of' wood 0.02 - 0.08 x 10,3

Nfiur. ItMet magi 0.16 x 10.3

Smooth matte paint. c.afully appIl«t 0.26 x 10.3

S~nderd c.moufl. paint...... appIicnion 0.4(h 10.3

Cemoufl-ea paint.~ettonIPf8V 1.20x 10.3

DIP'98MtnIzw:t rnamllUrflCi8 6 x 10-3

N8turW IUrface of calC Iron 10 x 10.-3
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TABLE 4.1.5.I-B
SUMMARY OF FINITE WING SOLUTIONS

PlANFOAM SEc-nON WAVE·ORAG SOLUTION (ZERO LIFT)

ep Bonney R.t.9

Bonney R.t. 9

ep Puckett. SteWlII't Rof. 10
8... Ref. "

8... Ref. 11

PUCKett Ret. 12

(;\
M-volil Ref. 13. 14

8... Ref. 11
I

PUCkett • St~rt Rat. 10

~.rgoIIS Ref. 13. 14

I 8t1nop • Cene Rd.1S

I
Jo_ R". 15. 16. 11
8_n. Ref. 11

Bilnop • Can. R".18

I
Bianop • C..,. Ref. 18

A •
d

I S ....op.c.na Ref. 18

•
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4.1.5.2 WING DRAG AT ANGLE OF ATTACK

The drag of a wing at angle of attack can be expressed in the form

where Coo is the zero-lift drag and the term Cl\ represents the drag due to lift. The zero-lift drag of a

wing may be obtained by using the methods of Section 4.1.5.1. Methods are presented in this section for
estimating the drag-due-to-lift term.

The drag due to lift of a wing increases approximately as the square of the lift coefficient or angle of attack
and may be expressed in the form

where K is the drag-due-to-lift factor.

2
K CL

C =-
l\ 7TA

4.1.5.2-a

Equation 4.1.).2-a can further be written as the sum of two terms, the well-known induced drag (or trailing
vortex drag) CD and the viscous drag due to lift CD ' so that

I v

4.1.S.2-b

These drag terms are discussed below.

Induced Drag

The induced drag depend, on the wing spanwise loading distribution, since it results from the lift
produced by the wing trailing-vortex system. The trailing-vortex system rotates the total wing
force vector rearward, giving the induced·drag component, which increases approximately as the
square of the lift coefficient or angle of attack. Induced drag may be expressed as

C 2
L

=--
wAe*

4.1.5.2-<:

where e* is the induced span-efficiency factor (or wing span-efficiency factor with CD = 0).
v

The theoretical minimum induced drag attainable is obtained from a wing with elliptic span load
ing, in which case an induced span-efficiency factor of 1.0 represents the theoretically ideal wing.

Viscous Drag Due to Lift

The viscous drag due to lift results from the change in boundary-layer development with lift over
the wing. The upper-surface boundary layer increases in thickness as the angle of attack increases,
which results in an increase in wing profile drag (skin-friction + pressure drag).

With the induced drag expressed by equation 4.1.5.2-c, the total drag due to lift is given by

4.1.5.2-)



C 2
l

=-- +C
wAe- Dy 4.1.5.2-<1

Since the viscous drag due to lift also varies directly with Cl
2 , the total drag due to lift is often expressed

as

C 2
l

C =-
Dl ..Ae 4.1.5.2..

which is of the form of equation 4.1.5.2-a with the drag-<lue-to-lift factor K expressed as lie, where e is
the span-efficiency factor, including the effect of viscosity. Therefore, the span-efficiency factor may be
expressed in the familiar form

4.1.5.2-f

or,in the more basic form

4.1.5.2-g

The drag-<lue-to-lift factor is constant over a lift-coefficient range from zero to a certain value of Cl termed
the "critical" lift coefficient Cl . Over this range, referred to as the parabolic-<lrag rcgion, the variation of

c
drag with Cl

2 is linear (see sketch (a)).

C 2
l

INDUCED

1 I

"Ae")'
I

____ ...I_

I
I

/
I

I

INDUCED + PROFILE

PARABOLIC-DRAG REGION

C
D

4.1.5.2-2

SKETCH (a)



Above C
L

, the polar breaks away from a simple parabolic representation because of separation effects,

which cause the drag to increase significantly and the drag polar to deviate considerably from the parabolic
drag variation. High sweepback and sharp leading edges promote leading-edge separation at relatively low
lift coefficients, resulting in low values of the "critical" lift coefficient.

Cambered and/or twisted wings have a somewhat more complicated drag characteristic. Neither the minimum
profile drag nor the minimum induced drag necessarily occurs at zero lift. Sketch (b) illustrates these drag
components for a typical cambered and twisted wing. Furthermore, the span-efficiency factor, at any given
lift coefficient, varies within wide limits for these wings.

SKETCH (b)

INDUCED DRAG

MINIMUM TOTAL DRAG
MINIMUM PROFILE DRAG

In supersonic flow the wing drag-due-to-lift breakdown is similar to that described above. In addition to the
induced drag resulting from the trailing-vortex systen. (sweptback at the Mach angle), there exists shock
wave drag due to lift resulting from the viscous dissipation associated with the shock waves.

A. SUBSONIC

Many allempts h,ve been made to develop empirical methods for predicting the subsonic span-efficiency
factor over the parabolic-drag region. Three recent allempts are reported in references I, 2, and 3. Frost and
Rutherford (reference I) nave used a measure of leading-edge suction as a function of the leading-edge-
radius Reynolds number to correlate e based on equation 4.1.5.2-e. This correlation has been further refined
in reference 2 to account for plan form geometry. In reference 3, Gardner and Weir take a more basic
approach to the problem by correlating the viscous drag due to lift as a function of streamwise-thickness
ratio and the loss in lift-curve slope due to viscosity. The empirical results of reference 3 are used as the
basis of the method presented in reference 4 for estimating the viscous drag due to lift.

At subsonic speeds methods are presented for determining the drag due to lift of the following two classes of
wing planforms:

Straight-Tapered Wings (conventional, trapezoidal wings)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings
Curved (Gothic and agee) wings

These general categories of non-straight-tapered wings are illustrated in sketch (a) of Section 4.1.3.2.
Their wing·geometry parameters are presented in Section 2.2.2.

4.1.5.2-3



DATCOM METHODS

Straight-Tapered Wings

This method is based on the empirical correlation of the span..,fficiency factor as a function of leading-edge
suction as presented in reference I. This correlation is further refined in reference 2 to account for planform
geometry. The effect of linear wing twist on the subsonic inviscid induced drag of swept wings is accounted
for by the methods of reference 5.

The subsonic drag due to lift of twisted, sweptback wings of straight-tapered planform for lift coefficients up
to the "critical" lift coefficient is given by

4.1.5.2-h

where

CL is the wing lift coefficient.

c2 is the airfoil section Iift-<:urve ~Iope (2,.. per radian is sufficiently accurate for this method.)
Cl

8 is the wing twist, positive for washin (a linear twist distribution is assumed).

v is the induced-drag factor due to linear twist obtained from figures 4.1.5 .2-42a through
4.1.5.2-42i.

w is the zero-lift drag factor due to linear twist obtained from figures 4.1.5.2-48a through
4.1.5 .2-48i.

e is the span..,fficiency factor determined by

4.1.5.2-i

where

is the wing Iift-<:urve slope obtained by the method presented for straight-tapered
wings in paragraph A of Section 4.1.3.2.

4.1.5.2-4

R is the leading..,dge-suction parameter defmed as the ratio of leading..,dge suction
actually attained to that theoretically possible. This parameter is presented in
figure 4.1.5.2-53 as a function of leading..,dge-radius Reynolds number, Mach
number, aspect ratio, and sweepback. The leading..,dge-radius Reynolds number
R£ is based on the leading-edge radius of the airfoil at the wing mean aero-

LER
dynamic chord.

For values of the parameter R£LER COl ALE ,II - M2 cos2 ALE > 1.3 x 10' ,

R is read from figure 4.J.5.2-53b..



For wings with sharp leading edges R1 = 0 and R =O. For such configurations the method results in
LER

the approximation CD ICL2 = I/~.I CL ).
L C<

A comparison of test data with results calculated by this method is presented as table 4.1.5.2-A. Most of the
configurations listed in the tab~e arc wing-body combinations with small values of the ratio of body diameter
to wing span. For these configurations, the predictions were made using the total wing planform geometry
and neglecting body effects. The ranges of planform and flow parameters of the test data are:

2 " A " 10.7
o " A 0;;; 0.713

19.1 0 " ALE" 63.40

0.72 x 106 "Ro "16.6xI06

'1.AC
0.13 " M .; 0.81

Since the effect of camber is not accounted for in the method, no cambered wing data are included in
table 4.i.5.2-A.

The limited amount of data available preclude, substantiation of the effect of linear wing twist as given in
reference 5. The design charts for the induced-drag factor due to linear twist and the zero-lift drag factor due
to linear twist have resulted from the use of 59 Weissinger span stations to compute these quantities by means
of an automatic digital computer program. In addition, the effect of compressibility on these parameters has
been accounted for by applying the Prandtl-Glauert transformation.

Application of the method to an untwisted, sweptback wing is illustrated by sample problem I on page
4.1.5.2-9.

Non-Straight-Tapered Wings

Semiempirical methods, taken from rtference 2, aoe presented for estimating the subsonic induced drag of
non-straight-tapered wings. The methods presented for double-delta and curved planforms are applicable
only to wings with sharp leading edges. In the development of these methods the effect of leading-t'dge
suction was neglected, and the expression used as a basis for the correlation of induced drag was written
solely in terms of the normal-force coeffici~nt.

The method presented for cranked planforms is applicable only to wings with round leading edges. All
the cranked wings analyzed in reference 2 had round leading edges; therefore, the development of the
prediction technique was based on properly accounting for the leading-t'dge suction force. The resulting
method is an extension of the straight-tapered-wing method presented above. It was assumed that given
an accurate estimate of the leading-edge-suction parameter on both the inboard and outboard panels of a
cranked wing, an effective leading-t'dge-suction parameter can be estimated by a span-weighted average.

The method presented for cranked wings is applicable in the higher lift-coefficient range where the drag
polar deviates from a parabolic variation, as well as in the lower lift-coefficient range. The method presented
for sharp-edged double-delta and curved planforms is valid only for the higher lift coefficients. In each case
an empirical correlation has been derived that accounts for the effects of flow separation at the higher values
of lift coefficient.

Double-Delta Wings

The subsonic induced drag of double-delta wings with sharp leading edges is given by

4.1.5.2-5



where

CD = 0.95 CL tan '"
L

4.1.5.2-j

C
L

is the wing lift coefficient at angle of attack obtained by the method presented for double-delta
wings in paragraph A of Section 4.1.3.3.

The constant in equation 4.1.5.2-j is the drag-due-to-lift factor. This factor has been determined during
the course of the work reported in reference 2 by plotting test vahles of CD /(CL tan a) versus a.

L

This correlation showed that at '" > go, the ratio of CD /(CL tan a) approaches 0.95. However,
L

below a = go there was considerable scatter in the data. This is attributed to the inability to determine
CD accurately from the test data at the lower angles of attack. The method should not be expected to

L .

give satisfactory results below a = gO.

A sample problem illustrating the use of this method is presented on page 4.1.5.2 -10.

A comparison of test data with results calculated by this method is presented as table 4.1.5.2-8 (taken from
reference 2). The test results have been compiled entirely from reference 15 and were the only available low
speed data for sharp-edged double-delta wings. Although all the configurations listed in the table are wing
body combinations, all predictions were made by using the total wing planform geometry and neglecting body
effects. Note that at Ci = 40 the method does not adequately predict CD for sharp-edged double-delta
wings. L

Since all the test data of table 4.1.5.2-8 were included in the drag-due-to-lift-factor correlation, application
of the method to configurations with geometric parameters falling outside those of table 4.1.5.2-8 should be
approached with caution. The ranges of planform parameters used in the correlation are:

1.34 ~ A ~ 1.87

72.60 ~ ALE. ~ 77.40

I

Au: = 590

o
0.332 ~ 'I. ~ 0.628

Although the data in table 4.1.5.2-8 are for M = 0.13, the method should be applicable at higher subsonic
Mach numbers, provided an accurate estimation of the CL versus a variation can be made.

The effects of wing twist and/or camber are not accounted for in the method.

For double-delta wings with round leading edges, it is suggested that the subsonic drag due to lift be approx
imated by using the method for cranked wings.

Cranked Wings

The subsonic drag due to lift of cranked wings with round leading edges is given by

4.1.5.2-k

where

CL is the wing lift coefficient.

4.1.5.2-6



e

is that portion of the drag due to lift resulting from a breakdown in the leading-edge suction at
lift coefficients above the parabolic-drag-polar region. An empirical correlation of ~Co as a

l

function of lift coefficient and aspect ratio is presented as figure 4.1.5.2-54.

is the span-efficiency factor over the parabolic-drag region, given by

4.1.5.2-1

where

is the wing lift-curve slope obtained by the method presented for cranked wings
in paragraph A of Section 4.1.3.2.

R' is the effective leading-edge-suction parameter given by

4.1.5.2-m

where

is the leading-edge suction parameter of the inboard panel, obtained
from figure 4.1.5.2-53, but with the parameter AX/cos ALE = O.

Ro is the leading-edge-suction parameter of the outboard panel, obtained
from figure 4.1.5.2-53 by assuming;the outboard panels to be an isolated
wing.

The leading-edge-radius Reynolds numbers required to read Ri and Ro
from figure 4.1.5.2-53 are based on the leading-edge radius of the mean
aerodynamic rhord of the inboard and outboard panels, respectively. For

values of the parameter R2 cot ALE )1 - M2 cos2 ALE > 1.3 x 10' ,
lER

R. and/or R are road from figure 4.1.5.2 -53b.
I 0

A sample problem illustrating the use of this method is presented on page 4.1.5.2 -II.

A comparison of test data with results calculated by this method is presented as tables 4.1.5.2-C and
4.1.5.2-0 (both taken from reference 2). Table 4.1.5.2-e compares the parabolic drag-due-to-Iift factor
Co /Cl

2 = I/("Ae) with test data. Table 4.1.5.2-0 compares the drag due to lift over the nonparabolic
l .

region of the drag polar with test data. In table 4.15.2-0 only the calculated results for references 16 and
18 are based on the predicted value of the parabolic drag-due-to-lift factor. The remainder of the data used
the test value of CD /Cl

2 combined with ~Co from figure 4.1.5.2 -54.
l l

Where test data were available for wing-body configurations, the portion of the inboard panel submerged in
the body was accounted for in calculating the parabolic drag due to lift. This was accomplished by defining
the effective leading-edge-suction parameter by

,. ( d)R = R. Tl - - + R (1 - n )
I . B b 0 "B

4.1.5.2-m'
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and basing the leading-edge-radius Reynolds number used to obtain Rj on the leading-edge radius of the
mean aerodynamic chord of the exposed inboard panel.

The effect of Reynolds number on the accuracy of predicting .<1Co cannot be assessed quantitatively,
L

since all the data used in the empirical correlation were for low Reynolds numbers except those from
reference 22. Although a comparison of the data of reference 22 with the low Reynolds-number data
shows no effect of Reynolds number, it must be expected that Reynolds number will affect .<1Co .

L

The effect of wing twist is not accounted for in the method. The test data include cambered-wing data, and
camber seems to have no effect on .<1Co ; however, there are not enough data to allow a quantitative evalua

L

tion of camber effects.

Finally, it should be pointed out that all the test data of table 4.1.5.2-0 were used to derive the .<1CoL
correlation. Therefore, no independent evaluation of the accuracy of the method in the nonparabolic region
has been accomplished. In view of this, figure 4.1.5.2-54should be used with caution outside the range of
planform parameters used in the correlation (see figure 4.1.5.2-54).

Curved Wings

The correlation of CO I(CL tan ,,), of reference 2, for determining the drag-due-to-Iift factor of double
L

delta wings with sharp leading edges also included data on both Gothic and ogee wings at Mach numbers
from 0.1 to 0.7. Therefore, the prediction method is essentially the sa'me as that for double-delta wings.

As previously noted, the correlation for the drag-due-to-Iift factor showed considerable scatter in the data
below " = gO. Although the data scatter for the curved planforms was not as widely dispersed as that for
the double-delta planforms, the method should not be expected to give satisfactory results below" = gO.

The subsonic drag due to lift of curved wings with sharp leading edges is given by equation 4.1.5.2-j; i.e.,

Co = 0.95 CL tan"
L

where CL is the wing lift coefficient at angle of attack obtained by the method presented for curved wings
in paragraph A of Section 4.1.3.3.

A sample problem illustrating the use of this method is presented on page 4.1.5.2-13.

A comparison of test data with results calculated by this method is presented as table 4.1.5.2-E (taken from
reference 2). The test data are for two thin Gothic and two thin ogee wings. It is noted that the calculated
results below" = go compare more favorably with the test data than those for double-delta wings at low
angles of attack. However, since no consistent trend is indicated by the comparison at the lower angles of
attack, there is no basis for lowering the angle-of-attack limit below gO

Since all the data are for low Reynolds numbers, the effect of Reynolds number cannot be assessed. However,
it is expected that Reynolds number will affect the results even at low lift coefficients, since leading-edge
separation is almost immediate for the sharp-nosed airfoils.

Since all the test data of table 4.1.5.2-E were included in the drag-due-to-lift-factor correlation, application
of the method to configurations with geometric parameters falling outside those of table 4.1.5.2-E should be
approached with caution. The ranges of planform parameters used in the correlation are:

4.1.5.2-8



0.75 s A s 1.98

0.455 s p s 0.667

bW
0.250 :s - s 0.450

2~

The method is limited to thin wings (t/c < 0.06). Tests on one 12-percent thick Gothic wing showed less
drag due to lift than did the tests on the thin wings. This is attributed to the development of significant
suction forces on the forward-facing slopes of the thick wing. The correlation of CDL/(CL tan (1) for the
12-percent-thick wing resulted in a constant drag-due-to-lift factor of 0.87.

The effects of wing twist and/or camber are not accounted for in the method.

Sample Problems

I. Conventional, Straight-Tapered Wing

Given: The sweptback wing of reference 14.

Wing Characteristics:

A = 5.14 x = 0.713 c = 1.166 ft

NACA 65 1AO12 airfoil

Additional Characteristics:

M = 0.75; 13 = 0.661

K = 1.0 (assumed)

Compute:

Leading-edge-suction parameter

LER = 0.00922c No twist

AX (5.14) (0.713)
- - 454
- (0.8070) - .

R = 0.803 (figure 4.1.5.2-53)

= 0.870 (figure 4.1.3.2-49)

4.1.5.2-9



Span-ilfficiency factor

1.1 (CLa/A)
e = (equation 4.1.5.2-j)

(1.1) (0.870)
= = 0.726

(0.803) (0.870) + (I - 0.803) 11'

Solution:

C 2
L

C =-
DL 1I'Ae

(equation 4.1.5.2-h)

I- = - = = 0.085
C 2 1I'Ae 11' (5.14) (0.726)

L

This compares with a test value of 0.090 from reference 14.

2. Double-Delta Wing

Given: A double-delta planform of reference 15.

Wing Characteristics:

Aw = 1.73

"0 = 153.0 sq ft

llB = 0.414

Additional Characteristics:

M = 0.13

Compute:

Ai = 0.409 Sw = 560.0 sq ft Sj = 407.0sqft

Variation of CL with ex (Section 4.1.3.3)

The predicted values of CL versus ex for this configuration are listed in table 4.1.3.3-8
(This configuration is shown under "reference 31" of the table)

Solution:

C = 0.95 CL tan ex (equation 4.1.5.2-j)DL

4.1.5.2-10



"
CL Co

L
to"" table 4.1.3.3-8 ten" eq. 4.1.5.2-J

4 0.143 0.0699 0.00950

8 0.302 0.1405 0.04031

,~ 0.491 0.2126 0.09917

,. 0.685 0.2867 0,1866

~O 0.974 0.3640 0.3368

The calculated results are compared with test values in table 4.1.5.2-B.

3. Cranked Wing

Given: The cranked wing-body configuration of reference 16. This is the configuration of the cranked
wing sample problem of paragraph A of SecHon 4.1.3.2.

Wing Characteristics:

Aw = 4.0 Ao = 2.37 ALE. = 48.60
ALE = 7.70

, 0

ho = 0.51i '18 = 0.60 NACA 6SA006 airfoil LER = 0.00229c

c j = 0.933 ft Co = 0.525 ft

Additional CharacterisHcs:

M = 0.80

Compute:

RQ = 3.645 X 106 perf!
d
-= 0.139
b

Leading-edge-suction parameters, Rj and Ro

Inboard panel:

(
RQ ) = (3.645 x 106 )(0.00229 c) = (3.645 x 106 )(0.00229) (0.933) = 7.79 X 103

LER i

(RQLER cot ALE JI - M~ cos2 ALE); = (7.79 x 103) (0.8816) J(:(0.8)2 (0.6613)2

= 5.83 x 103

= 0.470 (figure 4.1.5.2-53, with (Ah/COS ALE)i = O. See definition of Ri' page
4.1.5.2-7)
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Outboard panel:

(R2 ) = (3.645 x 106 ) (0.002290.) = (3.645 x 106 ) (0.00229) (0.525) = 4.38 x 103

LER 0

(R
2LER

cot ALE jl - M2 cos2 ALE). = (4.38 x 103)(7.396) j1 -(0.8)2 (0.9910)2

= 1.973 X 10'

(
AX) (2.37) (0.517)

- = 1.236
cos ALE • - 0.9910

R. = 0.766 (figure 4.1.5.2-53)

Effective leading-edge-suction factor

R'=R(n -~)+R (l-n)i "8 b • "8
(equation 4.1.5.2-m·)

= (0.470)(0.60 - 0.139) + (0.766) (I - 0.60)

= 0.523

CLafA = 1.081 per rad (sample problem, paragraph A, Section 4.1.3.2)

Span-efficiency factor over parabolie-drag region

CL fA
0<

e = -----'-'----
R' (CL fA) +(I - R') 11

0<
(equation 4,1.5.2~

C 2
L

Solution:

= -:..:.1.::,:08;:.:1_-:--:-:-::-:-
(0.523)(1.081) + (I - 0.523) 11

= 0.524

1
= - = = 0.152

11Ae 11 (4.0) (0.524)

C 2
L

C = - + I1C (equation 4.1.5.2-k)
DL l1Ae DL
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Co
CoL 2 L

Co
-C

CL/A
t>CO

2 L
L CL eq 4. 1.5.2~kL --

CL GI 4 fig 4.1.5.2·54
C 2 0(!Y @+0L

0 0 ... 0.152 0 0

0.1 0.025 ... 0.0015 0.0015

0.2 0.050 --. 0.0061 0.0061

0.3 0.075 ... 0.0137 0.0131

0.4 0.100 0.0080 0.0243 0.0323

0.5 0.125 0.0240 0.0380 0,0620

0.6 0.150 0.0510 0.0541 0.1051

0.1 0.175 0.0840 0.0745 0.1585

0.8 0.200 0.1245 0.0913 0.2218

The test values for this configuration are presented in tables 4.1.5.2,(: and 4.1.5.2-D for the cranked wing
mounted on a circular-ogive body. The calculated results presented in tables 4.1.5.2,(: and 4.1.5.2-D take
into account the portion of the inboard panel submerged in the body by applying the corrections noted on
page 4.1.5.2 -7. The leatling-edge-radius Reynolds number used to obtain R; is based on the leading-edge
radius of the mean aerodynamic chord of the exposed inboard panel, and the effective leading-edge-suction
parameter is determined by using equation 4.1.5.2-m'.

4. Curved Wing

Given: The ogee wing of reference 23. This is the same configuration as the curved-wing sample problem of
paragraph A of Section 4.1.3.3.

Wing Characteristics:

A = 1.20

Additional Characteristics:

M = 0.4

Compute:

b = 12.0 in. ~ = 20.0 in.

Variation of CL with", (Section 4.1.3.3)

The predicted values of Cj. versus '" are obtained from the curved-wing sample problem of
paragraph A of Section 4.1.3.3.
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Solution:

Co = 0.95 CL tan 0< (equation 4.1.5.2-j)
L

cL
Co

0< L

Idool sec. 4.1.3.3 ten 0< ... 4.1.5.2·j

4 0.136 0.0699 0.0090

8 0.288 0.1406 0.0384

12 0.465 0.2128 0.0839

The calculated results are compared with test values in table 4.1.5.2-£.

B. TRANSONIC

Test data on straight-tapered wings show that the variation of the drag-due-to-lift parameter CD /CL
l with

L
Mach number at transonic sPLeds is somewhat an,logons to lhat of the lift-curve slope. That is. for thick
and/or high-aspecl-ratio wings this parameter experiences significant deviations with Mach number, while
for thin and/or low-aspect-ratio wings this parameter varies uniformly with Mach number (see sketch (c)).

A=I
t c = .04

.4

CD
L

C 2 .2
L

0
.7 .8 .9 1.0 1.1

M

SKETCH (c)

Transonic data on non-straight-tapered wings are too few to allow quantitative analysis of the variation of
drag due to lift with Mach number.

The only available approach to the estimation of transonic drag due to lift of conventional, trapezoidal wing,
appears to be through the use of transonic similarity parameters. This is a particularly useful approach where
the quantity of data available for correlation is limited. The method presented, therefore, uses transonic
similarity parameters. It should be pointed out, however, that the bulk of existing data at transonic speeds
is derived from "bump tests," which are frequently questioned because of the spanwise Mach number
gradients.
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DATCOM METHOD

The transonic drag due to lift of conventional, trapezoidal planforms of symmetrical section may be approx
imated by using figures 4.1.5.2-55a through 4.1.5.2-55c for given values of the transonic similarity parameters,
A tan ALE and M2 - 1

(tfc) 2/3
Sample Problem

Given: The following straight-tapered wing from reference 26.

A = 4.0

Compute:

(t/C)1/3 = 0.342;

A =0

(t/C)2/3 = 0.116; A(t/C)I/3 = 1.368

NACA 63A004 airfoil

A tan ALE = 4.0

(see calculation table below)
(t/C)2/3

(~t )'1/3/cC
L02L

\
~ ) (figures 4.1.5.2-55a and -55b extrapolated. see calculation table below)

Solution:

C

M2 .1 e-r~ 2
c C 2 Co ICL-- L

L

M h/c)2/3 fig. 4.1.5.2-65 @h/cl1/3

0.8 -3.10 0.59 0.202

3.9 -1.64 0.57 0.195

0.84 -1.00 0.57 0.195

0.98 -0.34 0.58 0.198

1.00 a 0.60 0.205

1.05 0.88 0.60 0.205

1.10 1.81 0.59 0.202

The calculated values of CD fC
L

2 are compared with test values from reference 26 in sketch (d).
L
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o TEST VALUES

1.0

C. SUPERSONIC

.3

CD .2
L

C 2
L .1

0
.8

<:>

.9
M

SKETCH (d)

1.1

At supersonic speeds, wings are generally classified according to whether the Mach number component
perpendicular to the leading edge is subsonic or supersonic. A typical presentation of supersonic drag due
to lift is shown in sketch (e). For supersonic-Ieading-edge wings, certain regions of the wing will be in
two-dimensional flow where the spanwise pressure loading on the surface is constant .

SUPERSONIC
LEADING EDGE -

NO SUCTION

FULL SUCTION

.40

.36

G:~)
.32

I

13 .28

.24

.20 SUBSONIC
LEADING EDGE

8070
16 +---.r---r-T"'"...,......,..-,-....,.-...,..

o 10 20 30 40 SO 60
TAN- l (/l COT ALE)

SKETCH (e)
Other portions of the wing are influenced by tip effects and by the wing apex. Three cases are shown in
sketch (0. The two-dimensional region has wave drag due to lift, which can be calculated by simple linear
theory or by shock-expansion theory. But because the span loading is constant, this region does not produce
any vortex drag. The three-dimensional region has shock-wave drag due to lift, but not as much as that of
the two-dimensional region. The three-dimensional region also has a drag-due-to-lift contribution associated
with the vortex that is shed because of the varying span loading. This phenomenon is exactly like its sub
sonic counterpart except that the now field is swept back at the Mach angle.

SKETCH (f)

\
\

I
I
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In general, the drag due to lift of a wing quickly approaches the two-dimensional value as the leading edge
progresses from the sonic into the supersonic region. The two-dimensional value from linear theory is

4

For subsonic leading edges, no part of the wing is in two-dimensional flow and the span pressure loading, in
general, varies continuously across the span. Wave drag due to lift and vortex drag exist as for the supersonic
leading-edge case. However, an additional phenomenon occurs. The subsonic Mach number component
perpendicular to the leading edge allows leading-edge-suction pressures to develop similar to those that occur
on wings in subsonic flow. These suction pressures can cause significant reductions in drag, which, to date,
cannot be predicted for a given wing. The amount of suction depends upon the leading-edge shape and the
wing-eamber shape and distribution. Several authors have, however, calculated the maximum amount of
suction attainable for several types of wings (e.g., references 6 and 7). Camber can also produce a significant
drag-due-to-lift reduction that is not affected by leading-edge suction. Sketch (e) above shows typical drag
reduction due to suction for a cambered delta wing.

Test results for subsonic leading-edge wings generaIly fall between the limits of wings with no leading-edge
suction and wings with fullieading-edge suction. For a given test on a cambered wing, however, it is impos
sible to determine what fraction of the drag reduction is attributable to camber, since camber and leading
edge-suction effects are very similar in nature.

For conditions where the leading edge is slightly supersonis:, the theoretical results for cambered wings are
less than the two-dimensional value because the forward inclination of the integrated force vector due to the
pressures on the cambered portion of the wing persists 1nto the supersonic leading-edge region. In practice,
uncambered wings of finite thickness exhibit the same trend, because the leading-edge shock is detached and
causes the leading edge to operate at a lower effective Mach number; that is, the airfoil operates at a subsonic
leading-edge condition where leading-edge suction can reduce the drag even though the theoretical leading
edge condition is supersonic..

The Reynolds number based on leading-edge radius can also significantly affect the drag due to lift. At low
Reynolds number, local leading-edge flow separation can occur with a loss in leading-edge suction. Low
Reynolds number also affects the boundary-layer transition point on the wing. In general, increasing Reynolds
number causes an increase in friction drag at low angles of attack (forward-moving transition point) and no
change in friction drag at high angles of attack (transition point is already forward). Sketch (g) shows the
effect of leading-edge-radius Reynolds number based on test data (reference 8). The ordinate of this sketch
is the ratio of the induced-drag parameter Co !CL

2 at a Reynolds number of 14 x 103 based on leading-
L

edj\e radius to the value of the parameter at a given value of leading-edge Reynolds number.

8020 30 40 50 60 70

TAN-l (fJ COT ALE) (deg)

SKETCH (g)

R~ x 10-3
LER

i2?»
~12 ~.....__39

.8+-......,--,.....,r--r--r.....-,-.......,.........-r-,..-,
10

1.2

1.0

1.4

14 x 103
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Methods are presented for determining the wing drag due to lift over the parabolic-drag region for the
following two classes of wing planforms:

Straight-Tapered Wings (conventional, trapezoidal wings)

Non-Straight-Tapered Wings
Double-delta wings
Cranked wings
Curved (Gothic and ogee) wings

These three general categories of non-straight-tapered wings are illustrated in sketch (a) of
Section 4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2.

The methods presented are based on the conclusions of an analysis of the experimental results of the drag due
to lift .of slender uncambered wings at supersonic speeds reported in reference 9. It was shown therein that
the drag-due-to-lift factor at supersonic speeds collapses into a fairly well-defined single curve when plotted
as a function of the wing planform shape and slenderness parameters.

The supersonic design chart presented for non-straight-tapered wings is taken from reference 2, and the
parameters used to collapse the data are modifications of those presented in reference 9. The correlation
makes no distinction between round and sharp leading edges nor between cambered and uncambered wings.

The parameters used to collapse the data for non-straight-tapered wings in reference 2 have also been applied
to uncambered straight-tapered wings. The resulting correlation showed a distinction between straight
tapered wings with round leading edges and those with sharp leading edges.

DATCOM METHODS

Straight-Tapered Wings

The supersonic drag due to lift over the parabolic-drag region for straight-tapered wings is obtained using
the procedure outlined in the following steps:

Step I. Using the given wing geometry, calculate the aspect ratio, the planform shape parameter p.
bw

and the wing slenderness parameter - (See Section 2.2.2 for wing-geometry parameters).
21

Step 2. At the desired value of

figure 4.1.5.2-58.

obtain TrA
CD

L

C 2
L

-p- from the proper design curve of
I+p

Step 3. Calculate the drag due to lift by

C [c ]~ ~( ~~ ~ p I I+p
C

L
2 = TrA C

L
2 1+ P -;;: -p- 4.1.5.2-n

A comparison of test data with results calculated by this method is presented as table 4.1.5.2-F. With one
exception, all the configurations listed in the table are wing-body combinations with small ratios of body
diameter to wing span. The calculations for these configurations were made by using the theoretical plan
form extended to the body center line and neglecting body effects. The test configurations are about
equally divided between wings with sharp leading edges and those with round leading edges. None of the
wingsare cambered. The ranges of the planform parameters covered for each leading-i'dge shape are'
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Round Leading Edge

1.313 ~ A ~ 4.0

Sharp Leading Edge

1.5 ~ A " 3.5

,

0~"~0.5 0"""1.0
0.237 ~ P " 0.502 0.333 s p "0.995

bw bw
0.271 ~ - " 1.00 0.333" - " 1.070

22 22

The sample problem prtsented on page 4.1.5.2-20 for a double-delta wing illustrates the "ppiication of the
straight-tapered-wing method.

Non-Straight-Tapered Wings

The supersonic drag due to lift over the parabolic-drag region for non-straight-tapered wmgs is obtained by
following the procedure outlined above for straight-tapered wings. The value of the parameter

Co I3b ,
1fA __" -"---- at the desired value of 2 is obtained from figure 4.1.5.2-59. This correlation

C' I+p 21
l

makes no distinction between wing planforms. between round and sharp leading edges, nor between
cambered and uncambered wings.

A comparison of test data with results calculated by this method is presented in table 4.1.5.2-G for double
delta and cranked wings, and in table 4.1.5.2-H (taken from reference 2) for curved wings.

All the configurations listed in table 4.1.5.2-G are wing-body combinations with small ratios of body diamet<t
to wing span. The calculations for these configurations were made by using the theoretical planform t:xtendcd
to the body center line and neglecting body effect,. The table includes double-delta wings with both round
and sharp leading edges and cranked wings wilh round leading edges. Some of the wings with round leading
edges are cambered. The ranges of the planfollll parameters of the test data are:

Double-Delta Wings Cranked Wings

1.74 " A ~ 3.15 2.91 s A ~ 4.0

0.292 ~ p s 0.500 0.491 s p ~ 0.666

bw bw0.353 ~ ~ 0.787 0.710 c- ~ 1.333
22 22

The results presented in table 4.I.S.2-H for curved wings with sharp leading edges agree quite well with test
data. This is probably due to the fact that the curved planforms have a more limited range of geometric
parameters than the double-delta and cranked wings. The ranges of planform parameters of the test data
3fe:

0.75 ~ A " 1.39

0.384 ~ p ~ 0.667

0.208
bw,

" 0.389
22
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Wing Characteristics:

Additional Characteristics:

Sample Problem

Given: The doubl~elta wing of reference 30 designated X-67-67.

A = 2.42

"w = 2.0 ft

M= 2.01; (3 = 1.742

Compute:

Sw = 1.651 sq ft

f = 2.22 ft

"w
2f

(lbw

2f

= 2.0 = 0.450
(2) (2.22)

= (1.742) (0.450) = 0.784

p = _Sw_ = 1.651 = 0.372
bw f (2.0) a.22)

I+p =
P

I + 0.372

0.372
3.688

Co
L

"A
C 2

L

P
I+p

= 0.961 (figure 4.1.5.2-59)

Solution:

CD
L

C 2
L

= tA COL _P] ( U(~)
C 2 I + p "N p

L

(equation 4.1.5.2-n)

= (0.961) (2.:2,,) (3.688) = 0.466

This compares with a test value of 0.479 from reference 30.
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TABLE 4.1.5.2·A

SUBSONIC DRAG DUE TO LIFT OF STRAIGHT·TAPERED WINGS

DATA SUMMARY AND SUBSTANTIATION

NO TWIST

Co CD__L __L

ALE x 10-6
C 2 C 2 •

NACA
R~AC R~ER

x 10.3 L L Percent

R.f. Config. A A Idegl Airfoil M Calc. Test Error

10 WB 3.0 0 53.1 0003<13 3.1 3.1 0.25 0.251 0.296 -15.2

l I 0.60 0.242 0.250 · 3.2

5.' 5.' 0.25 0.215 0.251 ·14.3

10.6 10.6 0.25 0.185 ,0.217 -14.7

I.' I.' 0.61 0.269 0.270 - 0.4

4.8 4.B 0.61 0.218 0.250 ·12.8

2.0 0 63.4 0003<13 ••• ••• 0,25 0.336 0.367 · 8.4

I I I 0.60 0.331 0.373 ·11.5

I '.3 '.3 0.25 0.291 0.290 0.3

I
16.6 16.6 0.25 0.255 0.270 • 5.6

3.0 3.0 0.61 0.366 0.345 6.1

I I 0.81 0.353 0.325 8.6

6.0 5.0 0.61 0.330 0.325 1.5

I 7.6 7.6 0.61 0.301 0,325 7.'

4.0 0 46.0 biconvex 2.7 1.215 0.25 0.245 0.245 0
tic - 0.03 I I 0,60 0.227 0.240 · 5.4

6.01 2.25 0.25 0.214 0.226 • 5.3

'.1 4,095 0.26 0.183 0.180 • 1.7

1,7 0.766 0.61 0.226 0.216 4.6

1.7 I 0.8' 0.205 0.195 6.'

I 2.• 1.305 0.61 0.226 0.210 7.1

l I 0.81 0.205 0.190 7.'

I 4,2 1.89 0.61 0.208 0.210 1.0

I I II I 0.81 0.194 0.190 2.1

I2.0 0 63.4 0006<l3 1.6 4.12 0.40 0.360 0.350 2,'

l 0,60 0.341 0.330 2.7 I!

i 0,80 0.334 0,315 6.0 I
'-.
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TABLE 4.1.5.2-A (CONTO)

-- .-

Co CD
L L

"-E
C 2 C 2 •

NACA
R~AC

.10-6
R~ER

x 10.3 L L P..-cent
Rot. Conflg. A "- (dog) Airfoil M Calc:. Toot Err..-

10 WB 2.0 0 63.4 00ClS-63 3.0 B.25 0.24 0.300 0.320 ·6.3

0.40 0.310 0.290 6.9

0.60 0.294 0.310 · 5.2

0.80 0.288 0.310 · 7.1

5.0 13.75 0.25 0.267 0.262 1.9

8.0 22.0 0.25 0.240 0.220 9.1

3.0 8.25 0.61 0.294 0.300 · 2.0

I I 0.81 0.2B1 0.290 · 1.0

1.5 2Q.6 0.61 0.240 0.240 0

l I 0.79 0.236 0.254 • 7.1

llOO6-63 3.0 ~1.15 0.24 0.242 0.240 0.8

0.40 0.240 0.240 a

0.60 0.238 0.250 · 4.8

0.80 0.235 0.260 · 9.6

5.0 36.25 0.25 0.218 0.205 6.3

B.O 56.4 0.25 0.202 0.196 3.6

16.0 106.75 0.25 0.188 0.195 - 3.6

2.0 0.333 45.0 bkonVfnl 1.9 0.855 0.61 0.345 0.325 6.2
tic:" 0.03

0.11 0.338 0.300 12.6

o.Bl 0.32B 0.302 8.6

4.8 2.16 0.61 0.306 0.290 5.5

I
0.71 0.304 0.290 4.B

0.81 0.300 0.291 3.1

3.08 0.388 19.1 biconvex 2.4 0 0.25 0.264 0.255 3.5
tic' 0.03

I 0.60 0.244 0.230 6.1

4.8 0.25 0.264 0.240 10.0

8.3 0.25 0.294 0.240 10.0
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TABLE 4.1,5.2·A (CONTO)

Co CD
L L

'\. C 2 C 2 •NACA
R9,.AC

1(10-6
R~'R

I( 10-3 L L Percent
Ret. Contig. A ~ (dea) "-irlall M Calc. 70S! Error

10 WB 3.08 0.388 19.1 biconvex 1.4 0 0.61 0.243 0.240 1.3

I
tic· 0.03

0.71 0.235 0.235 0

0.81 0.226 0.220 2.7

2.4 0.61 0.243 0.245 - 0.8

0.71 0.235 0.230 2.2

0.76 0.227 0.230 · 1.3

0.81 0.226 0.205 10.2

3.8 0.61 0.243 0.230 6.7

0.71 0.235 0.220 6.8

0.81 0.226 0.210 7.6

11 W 8.02 0.450 46.3 63, A012 3.0 32.1 0.14 0.065 0.068 · 4.4

I j I j I j 4.0 42.8 0.19 0.059 0.062 - 4.8

12 W8 2 D.600 61.7 66AOOB 1.02 4.16 0.13 0.373 0.340 3.7

I j 4 I 60.8 j 0.72 2.84 0.13 0.308 0.300 2.7

13 W8 2 0.600 48.4 65AOO6 3.33 7.63 0.40 0.251 0.240 4.6

3.84 9.02 0.60 0.240 0.240 0 I
4.53 10.4 0.60 0.232 0.240 · 3.3

6.06 11.6 0.70 0.226 0.240 · 5.8

6.46 12.5 0.80 0.222 9.240 7.6
I

4 0.600 46.7 2.06 4.69 0.40 0.188 0.173 8.7 I
2.42 5.64 0.50 0.172 0.164 4.9

2.78 6.37 0.60 0.164 0.150 9.3

3.10 7.10 0.70 0.158 0.155 1.9

3.35 7.67 0.80 0.153 0.145 6.5

6 D.600 46.2 1.57 3.60 0.40 0.167 0.160 4.4

I
1.86 4.26 0.50 0.156 0.140 11.4

2.14 4.90 0.60 0.149 0.140 6.4

II

j Il
2.39 5.47 0.70 0.141 0.135 4.4 I
2.59 5.93 0.80 0.135 0.130 ;),6 i

'-- -',- - I - ._" ._-'.
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TABLE 4.1.5.2-A (CONTO)

Co CD
l l

'\e C 2 C 2 •
NACA

"~"C
.,0-6

"~e"
.,0-3 l l Percent

Ref. Confi". A A ldog' Airfoil M Celc. T..t error

,. w 6.14 0.113 36.2 6&, A012 2.0 18.4 0.25 0.086 0.087 1.1

0.40 0.087 0.090 3.3

0.60 0.086 0.093 7.'

0.70 0.085 0._ . 9.6

0.75 0.085 0.090 - 6.6

o.ao 0.085 0._ ·9.6

10.7 0.600 36.3 0.2' 0.067 0.054 5.6

0.40 0.057 0.056 l.a

I 0.60 0.056 0.061 - 8.2

0.80 0.05' 0.061 . 9.8

1:1.1
Aver",_ E"or . -- = 5.8%

n
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TABLE 4.1.5.2·B

~UBSONIC DRAG DUE TO LIFT OF SHARP-LEADING..£DGEO

DOUBLE·DELTA WINGS

DATA SUMMARY AN D SUBSTANTI ATION

ALE. ALE A£x 10-6 Cl
Co CD •, 0 d ! ex l l Percent

Ref. Conf~. A X. Xo 11 a (d..' (d.." b c M (based on c) (dog' Calc. Calc. T." Error,

15 Way 1.87 0.488 0 0.424 72.6 59.0 0.131 0.02-0.03 0.13 17.1 4 0.150 0.0100 0.0040 150.0

8 0.340 0.0450 0.0410 10.7

12 0.553 0.1117 0.1170 4.5

16 0.769 0.2095 0.2240 6.5

20 0.979 0.3385 0.3520 3.8

way 1.46 0.482 0.189 0.484 12.6 59.0 0.149 0.02-0.03 0.13 17.3 4 0.148 0.0098 0.0080 22.6

8 0.335 0.0447 0.0430 4.0

12 0.545 0.1101 0.1120 1.7

16 0.757 0.2062 0.2180 . 5.4

20 0.965 0,3337 0.3520 5.2

way 1.73 0.348 0 0.551 73.0 59.0 0.131 0.02-0.03 0.13 19.3 4 0.144 0.0096 0.0070 37.2

8 0.323 0.0431 0.0430 0.2

12 0.524 0.1058 0.1080 2.0

16 0.729 0.1986 0.2050 3.1

I 20 0.930 0.3216 0.3280 2.0

way 1.34 0.348 0.240 0.628 73.0 59.0 0.149 0.02-0.03 0.13 19.5 4 0.137 0.0091 0.0100 9.0

I
8 0.307 0.0410 0.0410 0

12 0.498 0.1006 0.1060 5.1

16 0.693 0.1888 0.2080 9.2

i 20 0.884 0.3057 0.3360 9.0
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TABLE 4.1.5.2-8 (CONTO)

ALE. ALE Ri- 10-6 CL
Co CD •I 0 d t Q L L P",*"

Rei. Conllg. " >-.. >-. 'I B (dog) 1de91 -
(based on c) 1...1I 0 b c M Cole. Cole. Test Emw

'5 WBV 1.73 0.356 0 0.414 77.4 59.0 0.131 0.02.0.03 0.13 20.0 4 0.143 0.0095 0.00B5 11.8

B 0.302 0.0403 0.0420 4.0

12 0.491 0.0992 0.1090 9.0

16 0.685 0.1866 0.2110 · 11.6

20 0.974 0.3368 0.3410 · 1.2

WBV '.34 0.356 0.2'0 0.473 77,4 59.0 0.149 o.02~.03 0.13 20.3 4 0.130 0.0086 0.0060 43.4

B 0.298 0.0398 0.0380 2.'

'2 0.484 0.0978 0.1080 · 9.4

16 0.676 0.'84' 0.2050 · 10.2

I 20 0.960 0.3320 0.3350 Q.9

WBV 1.87 0._ 0 0.332 77,2 59.0 0.131 0.02.0.03 0.13 17.8 4 0.146 0.0097 0.0075 29.4

S 0.335 0.0447 0.0430 4.0

'2 0.524 0.'058 0.1120 5.5

16 0.759 0.2068 0.2130 2.9

I 20 0.971 0.3358 0.3360 0.1

WBV '.46 0._ 0.183 0.379 77.2 fill.O 0.149 0.02.0.03 0.13 18.2 4 0.144 0.0096 0.0060 ao.O

B 0.330 0.0441 0.0400 10.3

. '2 0.53B 0.1081 0.1010 1,8

'6 0.749 0.2040 0.21'0 3.3

20 0.95B 0.3313 Q.3370 1.7

1:1.1
Average Error . --. 4.7"n

(Excluding ..,.Iues lit a • 4~
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TABLE 4.1.5.2-<:

SUBSONIC PARABOLIC DRAG DUE TO LIFT OF

ROUND-LEADING-EOGED CRANKED WINGS

DATA SUMMARY

ALE '\.E. (LER)j (LER)o R2x 10-6 "0 Ie 2 "0 Ie 2 •I d t l L l l Percent
Rei. Conflo, A AI A. '18 Idogl ldogl b c I" cil l"co) M (based on cl Calc. Y... Error

16 we 4.0 0.580 0.517 O.BOO 48.6 7.7 0.139 0.06 0.229 0.229 0.1lO 3.65 0.152 0.154 ~1.3

17 we 2.91 0.333 0.500 0.500 67.0 61.7 0.139 0.04-0.03 0.089 0.067 0.60 3.5 0.320 0.336 -4.8

18 W 5.2 Cl.339 0.268 0.379 60.0 25.0 ... 0.045-0.06 0.149 0.265 0.13 2.65 0.186 0.203 -a.4

EI.I
Average Error . --. 4.8"n
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TABLE 4.1.5.2-0

SUBSONIC DRAG DU~TO LIFT BEYOND DRAG POLAR

BREAK FOR RQUND-lEAOING-EOGEO CRANKED WINGS

DATA SUMMARY AND SUBSTANTIATION

ALE. ALE R2 x 10-6 Co CD e

~; ~O
, 0 d t L L Percent

Ref. Confio. '18
- -

(based on c)A I....' I....' b , M CL Calc. r"" Err",

--
16 WB '.0 0.680 0.517 Q.600 48.6 7.7 0.139 0.06 0.80 3.645 0.' 0.0323 0.0300 7.7

0.5 0.0620 0.ll620 0

Q.6 0.1067 0.1060 -0.3

I 0.7 0.1585 0.1610 -1.6

0.8 0..2218 0.2250 -1.4

18 W E.2 0.339 Q.288 0.379 60.0 25.0 ... 0.04&<>.06 0.13 2.65 0,4 0.0328 0.0321 2,2

0,5 0.0645 0.0614 5.0

0.6 0.1010 0.1015 -0,5

0.7 0.1480 0.1427 3.7

0.8 Q.204O 0.1968 3.7

0.9 0,2727 0.2619 '.1

1.0 ll.359O 0.3378 6.3

19 W8V 8..7 0.197 0.386 0,212 78.0 16.0 Q.062 .00 Q.2O 3.6 0.678 0.0365

I I I I I j I 1 1 I I 0.762 0.0630
lei

0,847 0.1720

20 we 6.18 0,294 Q.463 Q.306 66.0 12.0 0.Q66 0.06-Cl.02 . 0.50 0.73 0.618 Q.0420

I I I
,

I I I I J I I I I 0.680 0.0700

I 0.742 0.1120



f"
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t

TABLE 4.1.5.2-0 (CONTO)

ALE. ALE R~x 10-6 Co CD •d , p......,A Ao

, 0 - - L L
Rot. Conf'90 A , '1 B (dOOJ (dog' b , M (~onel CL Celc. T., Em><

1
20 WB 4.43 0.389 0.464 0._ 65.0 45.0 o.llBO 0.06-0.02 0.50 0.65 0.354 0,0175

0.443 0.0365

0,532 0.0640

D.62O 0.1010

0.709 ~1470

0.797 0.1965

21 WBVN 3,0 0.200 0 0.654 BD.O 42.1 0.077 0.035-0.040 D.2O 3,22 0.420 0.0275

0.4BO 0.0420

D.54O D.062O

0.600 O~

(.J

0.660 0.1160

0.720 0.1.70

WBVN '.0 0.200 0.138 0.550 BD.O lB.l 0.DB5 0.0J5.0.G40 0.20 3,07 0~20 0.0'35

0.400 0.0280

0.4BO 0.0500

0.560 0.0811

0.640 0.1195

0.720 0.1640

22 WBV 5.95 0._ 0 0.345 60.0 25.0 0.121 0.045 0.36 10.24 0.595 0.0320

1 l l I j j j j 1 I j I 0.655 0.0500

0.714 0.0790

(., This information is classified CONFIDENTIAL
:!:I.I

Average Error . --. 4.1%
n



~-u.
~

TABLE 4.1.6.2-E

SUBSONIC DRAG DUE TO LIFT OF SHARp·
LEADING<DGED CURVED WINGS

DATASUMMARV AND SUBSTANTIATION

• •"w - R2 x10-8 Co CD• c 0< CL -211
L L..... ConftI,

_..... .. • b (root! M (~onc) (dog) Calc. Calc. T• Enor

23 we Dgoo 1.20 0.&00 0.300 0.'33 Q,06 0.40 1.7 4 0.136 QJlO9O O.ooeo ,2.5

I I I I 1 I I I I I 8 Q,288 0Jl384 0.0360 1L7

'2 ~ 0,0838 ~ • 4.2

24 we Dgoo l.llll ~ 0.A60 0.'27 0.02 0.70 Q.58 4 0.'87 0.011' 0.0110 o.s

I 1 l 1 I I I 1{aI I I 8 0.352 Q,0470 0.ll486 • 3.'

21 W GothIc 0.76 Q.587 0.210 ... 0.0' 0.'0 2Jl ILl 0.165 0.0.88 0.0136 23.5

I
'0., 0.303 Q,06'3 Q,0478 7JJ

,... ~ 0.'110 0.'08' '.7

,IL' 0.ll45 Q,2OO3 0.2018 · o.s
1.1

w GothIc 1.2S o.B87 Q,417 ... 0.0' 0.'0 2Jl IL'S Q,2O, 0.0208 0.0'90 IL4

I I I I I I I I j '0.'5 Q,388 0.088, 0.0&'0 IL4

J
'''15 Cl.S9lI 0.,_ 0.'420 ,.,

1:1.1Col F....... ..-wIth__.. _ 0< ... C
L

_ odju_ .........'" 1... ....-.
A~EITOI" • -n- - ILB"



TABLE 4.1.6.2-F

SUPERSONIC DRAG DUE TO LIFT OF STRAIGHT

TAPERED WINGS

DATA SUMMARY AND SUBSTANTIATION

Co CD
L L

lfA-- lfA-- •bw C 2 C 2

~
L L Percent

Ro!. Conflg. A X p LER M Celc. Toot Error

27 W8 1.313 0.150 0.412 0.271 Round 1.80 2.04 2.00 2.0

2.16 2.38 2.36 0.8

2.50 2.71 2.54 6.7

• 2.86 3.05 3.34 . 8.7

3.95 4.09 4.02 1.7

4.63 4.69 4.70 - 0.2

28 W8 2.0 0 0.500 0.500 f'ound 1.30 1.81 2.01 ·10.0

I I 1.70 2.57 2.67 - 3.7

1.90 2.92 2.95 - 1.0

3.0 0.400 0.'" 0.725 1.20 2.02 1.65 22.4

1.30 2.37 2.05 15.6

1.50 2.98 2.55 15.9

1.70 3.54 3.15 12.0

1.90 4.06 3.79 7.1

29 W8 4.0 0.500 0.320 0.543 Round 1.41 3.34 2.94 13.5

30 3.5 0.200 0.393 0.688 Sharp 1.61 3.39 3.39 0

I I I j 2.01 4.54 4.73 4.0

3.15 0.150 0.437 0.6BB 1.61 3.14 2.99 5.0

2.66 0.120 0.441 0.630 1.61 2.89 2.84 1.8

I I I I 2.01 3.86 4.09 - 6.6

31 W8 3.50 0.200 MOO 1.050 Sherp 1.61 3.75 3.67 2.2

I I I I 2.01 5.09 5.12 • 0.6

3.15 0.150 0.500 0.787 1,6' 3.23 3.34 ·3.3

I j j j 2.01 4.36 4.64 ·6.0

32 W 2.5 0.200 0.3153 0.441 S""rp 2.03 3.33 2.75 21.1

I I 1.5 I 0.546 0.408 I 2.31 2.29 0.9

4.1.5.2·33



TABLE 4.1.6.2-F (CONTO)

Co CD
L L

"w 1/"-- 1/,,- •C 2 C 2
PercentL L

Ref. Conf~ " ~ p 2~ LER M C.lc. T_ Error

33 W8 3.0 0 0.502 0.150 Round 1.20 2.01 2.46 -18.0

1.30 2.31 2." -17.1

1.50 3.00 3.39 -11.6

1.10 3.66 3.96 ·10,4

1.90 4.01 4.06 0.6

3.0 0.200 0.430 0.643 1.20 2.03 2.68 .20.1

1.30 2.36 2.16 -14.6

1.50 2.94 3.39 -13.3

1.10 3.41 3.88 • 6.1

1.90 3.96 3.94 0.6

3.0 0.400 0.3B9 0.686 1.20 2.08 2.32 ·10.3

1.30 2.36 2.64 - 7.1

1.50 2.94 3.11 • 6.6

1.10 3.46 3.63 • 2.0

1.90 3.96 3.84 8.6

24 W8 2.174 0 0.600 0.644 Sh.rp 1.40 1.81 2.39 ·21.8

I 1.98 3.06 3.21 ·6.0

2.94 4.76 4.81 3.3

2.174 0.678 0.960 1.046 1.40 2.28 2.39 ·6.4

j I I I 1.98 3.81 I 3.28 18.2

10 W8 4.0 0 0.600 1.00 Round 1.20 2.50 2.50 0

1.30 2.98 2.80 6.8

1.40 3.41 3.30 3.3

1.63 3.93 3.12 6.8

1.50 4.19 4.01 4.6

1.70 4.67 4.30 8.3

3.08 0.3B9 0.694 1.07 Sh.... 1.20 1.96 1.91 - 1.0

I j I I j
1.60 3.13 3.26 • 3.1

4.1.5.2·34



TABLE 4.1.5.2·F (CONTDI

r-'.

II
I Co CD
I

I
L L

bW
7rA -- 7rA-- •C 2 C 2- L L Percent

Ref. Config. A A p 22 LEA M Calc. T", Error

10

I
WB 2.0 1.00 0.995 1.00 1.20 1.51 1.57 · 3.8

I
1.30 1.87 1.93 · 4.7

I 1.40 2.13 2.10 lA

1.50 2,41 2.15 12.1

1.60 2.67 2.32 15.1

1.70 2.88 2,44 18.0

10 WB 2.0 0.333 0.665 0.672 Sharp 1.20 1.43 1.60 -10.6

1.30 1.63 1.68 · 3.0

lAO 1.88 1.78 5.6

1.50 2.11 2.05 2.9

1.60 2.33 2.17 7.4

1.70 2.53 2.46 2.8

34 WB 4.0 0.333 0.237 0.475 Round 1.41 3.38 3.14 7.6

I I 1.61 4.02 3.90 3.1

J
2.01 5.17 4.90 5.5

35 WB 2.0 0 0.500 0.500 Sharp 1.55 2.05 1.95 5.1 I
1.80 2.52 2.44 3.3

1.95 2.78 2.66 4.5

2.10 3.03 3.05 · 0.7

2.35 3.45 3.52 · 2.0

2.50 3.70 3.93 · 5.9

j
3.00 4.49 4.66 · 3.6

3.50 5.29 5,45 · 2.9

2.0 0 0.333 0.333 2.50 3.41 3.30 3.3

j I I j 3;00 4.12 4.37 · 5.7

I 3.50 4.81 s.o3 · 4.4

4.1.5.2-35



TABLE •.1.1.2-1' (CONTO)

Co Co
L L

..A -- "A- •"w C 2 C 2
L L ........

Rtf. ConfItI. A ). • 22 LER M Calc. T.. Error

36 we 3.0 0._ 0.388 0.1584 Round 1.00 1.83 1.113 0

1.10 1.113 1.118 - 2.5

1.20 2.Q8 2.12 • 1.8

1.30 2.38 2.40 • 1.7

1.40 2.85 2.80 1.11

3.0 0._ Q.482 0.123 1.00 1.81 1.12 • 2.9

1.10 1.71 1.115 • 1.6

1.20 2.01 2.11 • ••1

1.30 2.31 2.36 0••

1.40 2.10 2.54 2.3

31 WB 3.80 0.200 0.393 0.689 Round 1.00 1.111 1.85 2.1

j j j J j J j 1.05 1,91 1.92 • 0.6

1.10 1.96 1.114 1.0

1:1.1
Aveqge Error - -- . 6••%n

Round Ltedlng edgl 5.8%

S""" L....I... Edge 5.8%

4.1.5.2-36



TABLE 4.1.6.2-<;
SUPERSONIC DRAG DUE TO LIFT OF DOUBLE·OELTA

AND CRANKED WINGS

DATA SUMMARY AND SUBSTANTIATION

Co CD
L L

frA -- frA -- •"w C 2 C 2
L L Percent

Ref. Config. PI,nform A • 22 LER M Celc. Test Error

30 WB Double 3.15 0.359 0.565 Sharp 1.61 3.37 3.32 1.5
Delt.

2.86 0.395 0.565 3.14 3.05 3.0

2.62 0.400 0.525 2.94 2.B7 2.4

2.86 0.335 0,479 3.12 3.27 · 4.6

2.62 0.365 0.479 2.93 2.99 - 2.0

2.42 0.372 0.4SO 2.77 2.88 · 3.B

2.86 0.335 0.479 2.01 4.04 4.31 - 6.3

2.42 0.372 0.450 I 3.54 3.64 · 2.7

31 WB Doubl. 2.62 0.400 0.525 Sharp 1.61 2.94 3.58 ·17.9
, D,lt.

I2.42 0.372 0.450 2.77 3.38 ·IB.O

3.15 0.500 0.787 2.01 4.88 4.95 - 1."

2.86 0.440 0.630 4.30 4.81 -10.6

2.62 0.400 0.525 3.88 4.68 -17.6

2.86 0.440 0.630 4.30 4.57 ·5.9

2.62 0.400 0.625 3.86 4.52 ·14.6

2.42 0.372 0.450 3.54 4.46 '20.6

38 WB Double 1.88 0.412 0.3B4 Round 2.01 2.90 2.86 9.0
Oelt,

39 WB Double 1.86 0.412 0.3B4 Round 2.50 3.61 2.90 26.6

I I
Oelt,

I 1 j II
3.00 4.47 3.2B 36.3

3.11 6.67 3.91 40.3

34 WB Double 2.91 0.292 0.426 Round 1.41 2.77 2.65 4.6

I I
Oelt,

I I I II
1.61 3.19 3.08 3.6

2.01 4.07 3.99 4.6

4.1.5.2-37



TAlLE 0.1.1.24 (CONTD)

CD CD
L L

'l'A-- '/lA- o
"w C 2 C 2

Percent
2I

L L
Ro!. Conflg. ".nform A • LER M C.lc. Tat error

40 W8 Ooubl. 2.81 0.029 0.&71 Round 1.•' 2.50 2.88 -13.5
0 .... I I I 2.0' 3.98 4.19 · 5.0

2.29 0.3IlI 0.... 1.4' 2.29 2.10 -15.2

I I I 2.0' 3.39 3.83 -11.5

2.3Ii 0._ 0.51' 1.41 2.29 2.64 ·9.8

I I I 2.0. 3.86 3.59 • 1.1

1.95 0.468 0.... 1.• ' 2.04 2.20 0'1.3

I I I 2.0' 3.04 3.28 • 6.7

2.29 0.3IlI 0.... '.0' 2.29 2." -'9.•

I I I 2.0' 3.3B 3.88 ·12.2

2.00 .0._ 0._ 1.41 2.11 2.81 -18.1

I I I 2.01 3.06 3.69 -16.0

2.50 0.4151 0.511 to.' 2.39 2.81 -16.1

I I I 2.01 3.8' 3.93 - 3.1

2.08 0.433 0.... 1,.' 2.12 2.50 -15.2

I I I 2.01 3.15 3." - 9.6

1.10 0.0'8 o.3B4 1••' U1 2.19 -10.0

I I 1 2.01 2.18 3.12 -11.6

01 W8 D~ 2.39 0._ 0.363 ~"auncl 1.20 2.28 2." - 1.3

I I
Dol..

I I 1
lHlIwp

I I
2.00 3.4l5 0.08 -16.2

3.00 6.28 5.86 - 9.9

02 WBVN Double 2.80 0._ o.eoo _nd 1.1. 3.0. 3.62 - 3.3
DoIt4

I I I II
2.18 4.31 4.22 2.0

2M 6.29 6.06 0.6

3.01 1..5 .... 0.0

4.1.5.2-38



TABU 4.1.a.2-G (CON TO)

Co CD
L L

"A- "A-- •"w C 2 C 2

2~
L L Percenl

R". Contia- Plentorm A • LEA M Cek:. Toot ElTor

.0 WB Crenked '.0 0.066 1.333 Round 1.41 3.fiB 3.33 18.9

3.2 0.500 o.eOO 1.41 2.liI2 3.10 - 5.8

I I I 2.01 .... .... B.B

2.91 O.s.o o.BOO 1.41 2.71 2.99 - 7...

I I I 2.01 4.69 '.2fi 10.1

3.20 0.500 O.BOO 1.41 2.82 3.62 -17.0

I I I 2.01 .... 4.61 5.8

36 WB Crenked 2.91 0.491 0.710 ....nd 1.00 1.62 2.01 ·204.3

1.10 1.86 2.01 -15.9

1.20 2.01 2.28 ·12.2

1.~12.:>4 2.66 • 8.6

1.40 ~~:_
2.74 . 3.3

1:1.1
Av...... ErrOt . 10.7"n

Double Delle 10.&"

Crenlu.d 11.6%

4.1.5.2-39



TABLE 4.1.5.2-H

SUPERSONIC DRAG DUE TO LIFT OF CURVED PLANFORMS

DATA SUMMARY AND SUBSTANTIATION

SHARP LEADING EDGES

Co CD
L L

7fA- 7fA-
2
- •Ow C 2 CL P.rcent

21"
L

R... Contlg. Planlorm A • M Calc. Tnt Error

• W DO" 1.27 0.384 0.244 1.81 2.12 1.90 11.6

1.91 2.18 2.01 8.5

2.27 2.47 2.38 3.8

2.65 2.83 2.77 2.2

2.95 3.07 3.07 0

W 0... 1.27 Q,409 0.259 1.65 1.95 1.90 2.•

1.84 2.10 2.05 2.'

2.18 2.38 2.37 0.'

2.53 2.11 2.71 0

2.83 2.97 3.05 . 2.6

W 0 ... '.20 0.500 0.300 1.00 1.50 1.45 3.'

1.30 1.56 1.64 - 4.9

1.60 1.77 1.10 '.1

1.79 1.94 2.00 - 3.0

w DtlH 1;00 0.500 0.250 2.00 1.91 1.82 '.'
W Gothic 1.39 0.560 0.388 1.54 1.74 1.82 . 4.4

1.63 1.92 1.90 1.1

1.84 2.19 2.07 5.8

2.06 2.44 2.31 5.•

2.29 2.70 2.8' 3.'

2.63 3.02 2••3 3.1

2.81 3.1' 3.07 2.3

4.1.5.2-40



TABLE 4.1.5.2-H (CONTOI

Co CD
C C

lrA-- lrA-- •"w C 2 C 2

22
c C Percent..... Contlg. Plentorm A P M Cllc. Test error

9 W Gothic 1.09 0.611 0.333 1.65 1.60 1.66 2.6

1.80 1.82 1.75 4.0

2.06 2.07 1.94 6.7

2.31 2.30 2.14 7.5

2.60 2.57 2.34 9.8

2.84 2.81 2.55 10.2

9 W Gott'.ic 1.00 0.667 0.333 1.66 1.53 1.« 6.3

I j
1.71 1.65 1.66 5.8

1.97 1.86 1.81 2.6

W Gothic 0.75 0.667 0.250 1.00 1.25 1.23 1.6

1.42 1.30 1.27 2.4

1.60 1.38 1.32 4.5

1.82 "'8 1.36 7.4

1.84 1.65 1.52 2.0

43 W 0 ... 0.924 0.450 0.208 1.40 1.63 1.53 6.5

1.60 1.69 1.68 0.6

1.60 1.77 1.60 - 1.7

2.00 1.87 1.91 - 2.1

2.20 1.98 2.05 - 3.4

2.40 2.11 2.18 - 3.2

2.60 2.23 2.35 - 5.1

1: 1.1
Average Error . --. 4.1%n

4.1.5.2-41
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4.1.5.2-42



v

003

.OO?

.001

o

-.001

-.002

SUBSONIC SPEEDS

r I I
(c»).. = 0.25

TANh /4
TAW I C

~ r----r----60°
..............

./ I-"" ..............

V --
45° --t-

O 30°V 4 6 8 10 12 I
M

0,
....... -.

4

v

.003

.002

.001

o

-.001

-.002

,
TANh I (d) )..'= 0.3

TAN-'
c/4

y ..............
.............. ,.....

60° r----r--./ I-"" I--
V -/

V
45° ~

V
V

30°
0 2 4 6 8 10 12 14

{lA

O~

I--.

FIGURE 4.1.5.2 -42 (CONTD)

4.1.5.2-43



SUISSONIC SPEEDS
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SUBSONIC SPEEDS
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SUBSONIC SPEEDS
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SUBSONIC SPEEDS
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4.2 BODIES AT ANGLE OF ATTACK

4.2.1 BODY LIFT

4.2.1.1 BODY LIFT-CURVE SLOPE

A. SUBSONIC

One of the first attempts to use potential theory for the estimation of lift for bodies of revolution was
made by Munk (reference I). Several similar methods have since been developed that give essentially the
same results (references 2 and 3). Potential iheory is limited to angles of attack near zero, where viscous
cross-flow forces are small. At higher angles of attack the viscous forces become increasingly important (see
Section 4.2.1.2).

DATeOM METHOD

The method presented for estimating the lift-curve slope of bodies of revolution at subsonic speeds uses the
potential flow term of the expression for body lift from reference 4. The lift-curve slope, based on VB 2/3,
is

c =
La- V 2/3

B

where

VB is the total body volume.

(per radian) 4.2.I.1-a

(k2 - k.) is the apparent mass factor developed by Munk and presented in figure 4.2. I. 1-20a as a
fUllction of body fineness ratio.

So is the body cross-sectional area at Xo'

Xo is the body station where the flow ceases to be potential. This is a function of XI, the body
station where the parameter, dSx/dx first reaches its maximum negative value.
Xo and Xl are correlated in figure 4.2.1.1-20b.

Sx is the body cross-sectional area at any body station.

In many cases it will be possible to determine the location of Xl by inspection. For cases that are
doubtful, the area distribution should be plotted and examined to determine the location
where dSx/dx first reaches its maximum negative value.

The lift-curve slopes of several bodies of revolution, calculated by this method, have been compared with
test data in reference 4. In general, the accuracy of the method at angles of attack near zero is good.

For a rapid but approximate estimation, slender-body theory can be used. This gives CLa- = 2 per radian,
where CLa- is based on the body cross-sectional area at Xo'

4.2.1.1-1



No method is available for estimating the lift-<:urve slope of a body of noncircular cross section.
Consequently. test data must be relied upon as the basis for predicting the lift-<:urve slope of such
configurations. A summary of available test data on bodies of noncircular cross section at subsonic speeds is
presented as table 4.2.1.I-A.

Sample Problem

Given: An ogive-cylinder-boattailed body of revolution of reference 18.

-I- 1e -+-lAI
1 ~

II db
X1Xo

1c = 1.98 ft 1A = 1.12 ft1N = 2.19 ft

C_1_N-_...:.-.

d = 0.417ft

1B = 5.29 ft
1B

f =- = 12.7
d

VB = 0.537 cu ft

XI = 4.17 ft (determined by insp.-ction)

Compute:

db = 0.275 ft

xl/1B = 4.17/5.29 = 0.788

xo/lB = 0.793 (figure 4.2.1.1-20b)

Xo = (0.793)(5.29) = 4.195 ft

(k2 - kl ) = 0.96 (figure 4.2.1.1-20a)

So = 0.134 sq ft

V 2/3 = 0.5372/3 = 0.660
B

Solution:

2(k2 - kl ) So
(equation 4.2.1.1-a)CL

=
a V 2/3

B

2(0.96} (0.134)
=

0.660

= 0.390 per rad (based on VB2/3)
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This compares with a test value of 0.378 per radian, based on VB2/3, from reference 18. The
slender-body-theory approximation gives CL" = 0.406 per radian, based on VB 2/3.

B. TRANSONIC

Slender-body theory states that body force characteristics are not functions of Mach number. Experimental
data substantially ·verify this result (references 5, 6, and 7). Any differences in the subsonic value
of CL" obtained from paragraph A and the supersonic value of CL obtained from paragraph C should
be fa ired out smoothly in the transonic range. "

Transonic test data on bodies of noncircular cross section are available in references 25, 26, and 5 (see table
4.2.I.I-A).

C. SUPERSONIC

Several theoretical methods. that have been developed for estimating the lift-curve slope of bodies of
revolution are best applied by machine methods. Three of the methods that can be used to estimate
characteristics of simple nose-eylinder bodies of revolution at small angles of attack throughout the
supersonic range are briefly discussed. They are the slender-body, hybrid, and second-order shock
expansion theories.

Slender-body theory is based on the assumption that the body surface slope (relative to the free stream) is
everywhere so small that the boundary conditions may be applied on the axis. This condition is met
if {3/fN is small, i.e., if the nose has a large fineness ratio or if the flow is close to sonic speed. Slender-body
theory is applicable in the range of values of the parameter {3/fN from 0 to approximately 0.05. Hybrid
theory (reference 8), a combination of.a second-order axial solution with a first-order cross-flow solution, is
applicable for values of {3/fN from approximately 0.05 to 0.40. The second-order shock-expansion method
(reference 9), an extension of the general shock-expansion method at small angles of attack, is applicable
for values of {3/fN from approximately 0.40 to ~.

The flow around bodies with boattails can be calculated by Van Dyke's hybrid theory (reference 8).
Reference 10 presents a generalized curve for estimating the normal-foree-curve slope of boattails, based on
the method of reference 8. Lavender and Deep (reference I I) give methods, based on the work of reference
9, for determining the normal-force-curve slope of cone-cylinder-frustums, cone-cylinder-frustum-boosters,
and cone-frustum-boosters.

DATCOM METHOD

Empirical design charts are presented for estimating the normal-foree-curve slope of bodies of revolution
composed of ogival or conical noses and cylindrical afterbodies. In addition, theoretical results are
presented for determining the increment in normal-foree-curve slope due to the addition of either a
boattailed or a flared body of revolution at the end of semi-infinite cylindrical bodies.

Figures 4.2.1.1-2Ia and 4.2.1.1-21b present CN", based on maximum frontal area, for bodies with ogival
and conical noses, respectively, and cylindrical afterbodies of varying fineness ratio. The normal-foree-curve
slopes of two other common nose shapes, the 3/4-power nose and the parabolic nose (1/2-power nose), are
not presented directly. However, experimental data indicate that the force characteristics of cones and
J/4-power noses are similar, as are those of ogives and parabolic noses (reference 12). Tests also indicate
that the addition of a cylindrical afterbody results in approximately the same increase in lift, irrespective of
nose profile shape (reference 13). Therefore figure 4.2.1.1-2Ia can be used for parabolic-nose-cylinders and
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tigure 4.2.1.1-21'b lor 3/4-power-nose-cyhnders with sufficient accuracy for most purposes.

The increments in normal-force-cuIVe slope due to the addition of a boattailed or a flared. body of
revolution at the end of a semi-infinite cyhndrical body are presented in figures 4.2.1.1-220 and
4.2.1 .1-22b, respectively. Both of these increments are based on the cross-sectional area of the cyhndrical
body preceding the boattail or the flare. Figure 4.2.1.1-22a is taken from reference 10 and is based on the
results of reference 8. Figure 4.2.1.1-22b is based on impact theory.

A comparison of test data with CNa of ogive-cylinder and cone-cylinder bodies calculated by this method
is presented as table 4.2.1.I-B. The ranges of body geometry and Mach number of the test data are:

Cone-Cylinder Ogive-Cylinder

0 ,.; fA ,.; 10.00 0 ,.; fA ,.; 11.00

2.50 ,.; fN ,.; 7.00 1.50 ,.; fN ,.; 7.00

0 ,.; fAlfN
,.; 3.17 0 .;; fAlfN ,.; 3.87

1.36 ,.; M ,.; 5.04 1.28 .;; M .;; 5.04

No method is available for estimating the lift-cuIVe slope of a body of noncircular cross section.
Consequently, test data must be relied upon as the basis for predicting the lift-cUlVe slope of such
configurations. A summary of available test data on bodies of noncircular cross section at supersonic speeds
is presented as table 4.2.1.1-C.

Sample Problem

Given: The cone-cylinder-flare body of reference 27.

IN = 1.21 in. IA = 4.00 in. IF = 2.40 in.

Compute:

Cone-<:ylinder:

fN =INld = 1.21

fA = lAid = 4.00

4.2.1.1-4

d = d1 = 1.0 in.

M = 5.05; Jl = 4.95

d2 = 2.75 in.



fN/P = 1.21/4.95 = 0.244

= 3.52 per rad (linear extrapolation, figure 4.2.1.1-21 b)
(based on cone-cylinder maximum frontal area)

Flare:

d 2/ d J
= 2.75

(.:1CN")F
13.30 (figure 4.2.1.1-22b)=

2
cos OF

(.:1CN")F = 13.30 (cos 200 )2

lTd 2
J

= 11.73 per rad (based on 4 = cone-cylinder maximum
frontal area)

Solulion:

= 3.52 + 11.73

= 15.25 per rad (based on cone-cylinder maximum frontal area)

This compares with a test value of 17.70 per radian from reference 27.

D. HYPERSONIC

Newtonian impact theory is used for estimaling the normal-force-eurve slope of bodies of revolution at
hypersonic Mach numbers. Newtonian theory assumes that the component of momentum normal to the
surface is canceled on impact, thus giving rise to a normal force. The stagnation pressure predicted by
Newtonian theory is about ten percent higher than the theoretical adiabatic pressure rise for an infinite
Mach number. To correct this overestimation, a modified Newtonian method has been developed in which
the assumptions of Newtonian flow are used, but the theoretical stagnation-pressure coefficient for the
Mach number being considered is substituted for the Newtonian stagnalion-pressure coefficient. Another
modification of Newtonian theory considers the centrifugal forces in the flow around bodie~ of revolution
(reference 14). This effect is small for conventional slender noses such as cones and ogives at moderate
angles of attack. and the pressure forces on such slender noses are satisfactorily approximated by simple
impact theory. For cylindrical afterbodies, inclusion of the effect of the centrifugal forces reduces the
estimated normal-foree-curve slope approximately ten percent.

Newtonian theory and its modifications are discussed in detail in reference 14. In this work Newtonian
analysis is presented for an arbitrary body of revolution and the resulting forces on a cone and cylinder are
given. In reference 15 a method of application of Newtonian concepts similar to that of reference 14 is
presented. Reference 15 presents design charts which allow the aerodynamic characteristics of arbitrary
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bodies of revolution to be obtained without the computation or radial integration of pressure distributions.
In reference 16 the modified Newtonian approximation for the pressure distribution on bodies of
revolution has been used to derive expressions for the aerodynamic characteristics at zero angle of attack
for blunted cones, truncated cones, spherical segments, and rounded-shoulder cylinders. Approximate
equations arc also presented which may be used in conjunction with the design charts to obtain the zero
angle-of-attack characteristics of composite missile components. The Datcom method uses the results of
Newtonian impact theory presented in reference 17. This work presents design charts and equations for
determining the aerodynamic characteristics of missile shapes composed of one or more cone frustums with
or without a spherical nose. In addition, design charts are presented for the special cases of spherically
blunted cones and ogives which can be used in conjunction with the results of reference 17.

DATCOM METHOD

The normal-force·curve slope of a body composed of one or more cone frustums with or without a
spherical nose, a blunted conical nose, or a blunted ogival nose, based on the body base area, is given by

4.2.I.I-b

To apply equation 4.2.1.I-b the body is divided into m segments, the first segment being either a spherical
nose, a blunted conical nose, a blunted ogival nose, or a cone frustum, and each succeeding segment a cone
frustum. The normal-foree-curve slope of a spherical nose, based on its base area, is obtained from figure
4.2.1.1-23. The normal-foree-curve slope of a blunted conical or blunted ogival nose, based on their
respective base areas, is obtained from figures 4.2.1. 1-24 and 4.2.1.1-25, respectively. The normal-force
curve slope of a cone frustum, based on the base area of the specific segment, is obtained from figure
4.2.1.1-26. (Note that a cylinder is considered a cone frustum with 0 = 0 and aid = 1.0, and that CN", =
o by Newtonian impact theory.) The ratio (dn/db)2 refers the normal-foree-curve slope to the base area
of the configuration.

It should be noted that the design charts used in this method are based on Newtonian theory with no
modifications of the stagnation-pressure coefficient or the centrifugal forces.

Sample Problem

Given: Configuration 5115 of reference 45, consisting of a cone-<:ylinder-frustum body with a spherical
nose.

Forward Cone Frustum

11j 1-12+-13+14-1
~ I I
2 ~

r-'+---t-'---::;Jl

All dimensions in feet

4.2.1.1-6

Spherical Segment

11 = 0.18

a2 = 0.62

d,
2 = 0.36

d2 = 1.20

'0 2 = 22.50

d l = 0.62



Cylinder Rear Cone Frustum

a3 = 1.20 84 z 1.20

13 = 1.20 14 ·0.96

d = 1.20 d4 = ~ • 1.368
3

8 = 0 8 • So
4

Compute:

Spherical Segment

~ Id. = 0.18/0.36 = 0.50

Foreward Cone Frustum

~/d2 = 0.62/1.20 = 0.517

Cylinder

a3/d3 = 1.20/1.20 = 1.00

(CN" ) 3 = 0 (figure 4.2.1.1-26)

Rear Cone Frustum

(~")4 = 0.4S0perrad(fJgure4.2.1.1-26) (baled on ~b2)

Solution:

(equation 4.2.I.I-b)
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= (CN")1 C:f + (CN" ) 2 C:Y + (~,,) 3 (~r + (CN,.). (:.y
b

(0.62 )2 C·20 r + (0) c:r 2
= (0.75) 1.368 + (1.250) 1.368 + (0.450) ( : :~:: )

= 0.1540 + 0.9618 + 0 + 0.450

..d 2
= 1.566 per rad (based on confJguration base area -;- )

This compares with a test value of 1.719 per radian from reference 45 at a Mach number of 4.04.
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TABLE 4.2.1.1·A

SUMMARY OF EXPERIMENTAL DATA ON BODIES OF NONCIRCULAR CROSS SECTION

SUBSONIC SPEEDS

No. Body AfterbodV S. I B w h • c IN f N .
Ref. Shop. CrDa Section Croa Section IKt In.l (inJ x lin,) lin,) Un,) lin.) lin.) Me.g. eqUIV

19 Ogivel 0 Horizont" None 1B.06 48.0 0.667 5.37 4.29 15.27 2.15 48.0 10.0 0.40ElliplDld Elllple

j j
18.10 5.88 3.92 15.71 1.96

lB.08 6.79 3.39 16.84 1.70

18.12 7.59 3.04 18.16 1.52

0 Vertical 18.12 3.04 7.59 18.16 3.79Ellipse

I
j

lB.oB 3.39 6.79 16.84 3.39

I 18.10 3.92 5.88 15.71 2.94

18.06 4.29 5.37 15.27 2.68

20 OVivel 0 Square Squ.re 28.27 45.0 0.533 5.40 5.40 !9.88 2.70 18.0 8.33 0.13Ellipsoid

I I I 0.565 I I I I I

0 D_ O_
0.533 4.00 7.28 20.84 3.64 8.34Rectangle Rectanlila

j I I 0.565 I I I
OV iV81 0 Sh.llow Shellow 0.533 7.28 4.00 2.00RectanVle Rect.ngle

I j I I 0.565 I I I
21 Rounded 0 Dee. 0_

9.29 20.16 - 2.70 3.44 12.28 1.72 8.0 5.86 low
Rectangle Rectangle .... Speed

22 Round 0 Ellipse Ellip. 37.17 40.31 0.322 5.20 9.10 23.29 4.55 16.3 5.86 0.107

23 Ogival 0 Semicircle Semicircle
22.20 54.72 0.571 5.00 5.00 17.65 2.27 17.8 10.1 0.80-

+Rectlngle +Rect8ngle 0.92

I j 0 Squere Square 24.90 I I I I 19,60 2.50 I 9.8 I
24 Rounded U Triangle Tr18nglfl 9.29 20.16 •• 3.85 3.60 13.23 1.28 8.0 6.24 low

ref. Speed

V Inverted Invlrtad I I I 2.56 ITriangle Triangle

0 Venin! VenlCal 2.60 4.55 11.62 2.275 5.86Ellipse ElIlple

0
Horizontal Horlzor.:a1 4.55 2.60 I 1.30 IElllp. Eilipee

4.2.1.1-11



TABLE 4.2.1.1-A (CONTO)

No.. .ody A_y s., 1. w h p c N

Ref. Shape Cro.sectkm Croll 5ection (~ In.) Un.) x lin.1 lin.! lin.) Un.) Un.l N~lv MC.g.

25 Ogivel 0 EIiIJ* Ellipse 28.2 61.45 0.50 10.39 3.46 24.30 1.73 36.0 10.24 0.40-
ElliplOld 1.2

I 41.60 0.65 I I I I 6.93

28.3 61.45 0.50 12.00 3.00 27.46 1.60 10.24

I 51.50 0.60 I I I I 8.60

41.50 0.65 6.93

Ogival = Circular Circular 25.1 61.45 0.50 12.00 3.00 25.90 1.50 36.0 10.0
Segment Segment

j j I I I 51.80 0.60 I I I I I 8.6

41.80 0.66 6.9

26 Ogwal (j Horizontal None 12.66 12.00 0.667 4.99 3.27 18.49 1.63 12.0 3.0 0.4-
ElllplOld Eiliptl 1.4

I I I 5.66 2.83 18.87 1.41 I I0 Vertical 2.83 5.66 18.87 2.83
Elllp.

0 Horizontal 20.00 4.99 3.27 1•.49 1.63 20.0 5.0
ElliPfIlI

I I I 5.66 2.83 18.87 1.41 I I0 Vertical 2.83 5.66 18.87 2.83
Ellipse

0 Horizontal 28.00 4.99 3.27 18.49 1.63 36.0 10.24Ellipse

I ! I 6.66 2.83 18.87 1.41

0 Vertical 2.0:1 6.66 18.87 2.83
Ellipoo

6
Oglval 0 Vwtlcal Vlttleal 28.3 61.46 - 4.90 7.35 18.62 3.68 36.0 10.24 0.8-

ElilPiOld Elllptl Ell.... 1.2

J J I I I I J
- 4.24 8.48 21.06 4.24 I I I- 3.48 10.38 24.30 6.19

Sb maximum cro..-etion area p body cro..ction perimeter

1. bOdy langth c dlmnca from bOdy cross-section lmax)
cantrold to bottom of .-etlon

x lOcation of moment ref...nca cant... 1N
1\018 langth

C.g. from body 1\018 (bOdy lengths)

w bOdy ct'otHIction tn.dth 1.
f equivalent finaneu ratio· -

h body cro.-etion height NaqulY daquiv

Jcro-....c1ion ...
wh.a daqulv""

0.7864
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TABLE 4.2.1.1-B

SUPERSONIC NORMAl·FORCE-eURVE SLOPE OF CONE-CYlINOER
AND OGIVE·CYLINOER BODIES

DATA SUMMARY AND SUBSTANTIATION

CNa
CNa •

No. Ce~. T... Percent

Ref. Shape M IN 'N (per rad) (per Red) Error

28 Conical 1.36 2.84 0 1.98 1.79 10.6
0.24 2.10 1.95 7.7
0.50 2.22 2.17 2.3
0.75 2.38 2.34 1.7
1.66 2.66 2.58 3.1
2.00 2.70 2.60 3.8
3.00 2.75 2.58 6.6
4.00 2.7B 2.45 13.5

1.72 0 1.92 1.78 7.9
0.50 2.18 2.22 - 1.8
0.75 2.34 2.38 - 1.7
1.66 2.68 2.61 2.7
3.00 2.83 2.60 8.8
5.00 2.94 2.58 14.0

3.02 0 1.85 1.83 1.1

I
1.66 2.66 2.15 - 6.9
5.00 3.20 3.27 - 2.1
7.00 3.28 3.27 0.3
8.00 3.33 3.20 4.1

3,55 0 1.85 1.91 - 3.1
0.24 1.95 1.99 - 2.0
1.66 2.54 2.76 - 8.0
4.00 3.10 3.19 - 2.8
5.00 3.20 3.28 - 2.4
7.00 3.32 3.43 - 3.2
9.00 3.31 3.50 - 3.7

4.00 0 1.85 1.83 1.1

j
0.75 2.16 2.23 - 3.1
2.00 2.64 2.69 - 1.9
3.00 2.94 2.98 - 1.3
7.00 3.34 3.32 0.6

13 Conk.l 3.01 3.00 2.00 2.67 2.82 - 5.3

I 4.00 3.10 2.89 7.3
7.00 3.28 3.10 5.8

5.00 0 1.89 1.89 0

I 2.00 2.55 2.42 5.4
5.00 2.86 2.48 15.3

7.00 0 1.95 1.89 3.2, 3.00 2.61 2.65 - 1.5
3/4 Power 3,01 5.00 2.00 2.55 2.42 5.4

I I I 5.00 2.86 2.56 11.1
Conical 3.49 3.00 7.00 3.28 3.32 - 1.2

I 5.00 5.00 2.89 2.93 - 1.4
7.00 3.00 2.60 2.13 - 4.8

4.24 3.00 4.00 3.08 2.80 10.0
I 7.00 3.32 3.27 1.5

5.00 2.00 2.46 2.40 2.5

I 6.00 2.93 2.58 9.8
7.00 0 1.88 1.95 - 3.6, 3.00 2.57 2.29 12.2

6.04 3.00 2.00 2.61 2.70 - 3.3

I I 4.00 3.06 2.66 15.1
7.00 3.36 3.28 2.1
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TABU 4.2.1.1" ICOH'TOI

CN CNa a •
No. Cok. Tott Percent

Rof. Sh_ M 'N fA (per r~1 (per R.c1) Error

13 Conle-I 5"" 5.00 0 1.85 2.09 -11.5

l I I 2.00 2.38 2.70 -11.9

5.00 2.93 2.93 0

7.00 0 1.85 1.94 - 4.6, 3.00 2.53 2.26 ".9
3/4 Power 5.04 5.00 2.00 2.38 2.38 0, , I 5.00 2.93 2.76 6.2

12 Conlee! 3.49 3.00 0 1.85 1.72 7.6

I I 6.00 0 1.85 1.79 3.4

I 4.01 3.00 0 1.85 1.78 3.9

l 4.00 0 1.85 2.07 -10.6

I
5.00 0 1.85 1.67 10.8

7.00 0 1.89 1.99 - 5.0

5.00 3.00 0 1.85 2.15 -14.0

I
4.00 0 1.85 1.84 0.5

5.00 0 1.85 1.63 13.5

7.00 0 1.85 2.22 -16·7

29 Conic.1 4.00 4.00 10.00 3.28 3.37 - 2.1

30 Conle.1 1.72 2.60 2.60 2.67 3.25 -17.8

I I 1.99

j I 2.66 3.32 -19.9

I 2.84 3.58 3,48 2.9

3.06 3.53 3.49 1. I

28 Oaw., 1.36 2.84 0 2.51 2.41 4.1
0.24 2.56 2.41 6.2
0.60 2.60 2.58 0.8
0.75 2.65 2.61 1.5

1.00 2.70 2.58 4.7
1.86 2.72 2.61 4.2
4.00 2.73 2.58 5.8

1.72 0 2.47 2.46 0.4
0.24 2.53 2.52 0.4
0.50 2.58 2.69 - 4.1

1.00 2.72 2.75 - 1.1

1.68 2.79 2.81 - 0.7

2.00 2.80 2.81 - 0.4

3.00 2.82 2.81 0.4
5.00 2.88 2.81 2.5

3.02 0 2.23 2.46 - 9.3
0.50 2.42 2.51 - 3.6
1.86 2.81 3.01 - 6.6
3.00 3.03 3.38 -10.4

5.00 3.20 3.38 - 5.3
7.00 3.30 3.39 - 2.7
9.00 3.36 3.21 4.7

extr.p
11.00 - 3.38 -

3.55 0 2.12 2.21 - 4.1

0.2" 2.22 2.26 - 1.8
0.60 2.32 2.28 1.8
1.86 2.15 2.70 1.9
3.00 2.99 3.20 - 6.6
5.00 3.2~ 3.27 - 2.1

I 7.00 3.31 3.29 0.6
9.00 3.37 3.32 1.5

4.00

I
0 2.04 2.17 - 6.0

I
0.75 2.38 2.52 - 6.3

1.86 2.67 2.81 - 6.0
2.00 2.74> 2.87 3.8
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TABLE 4 Z 1 1·8 lCONTO)...

CN CN"" •No," Calc. T." Percent
Rot. Sh_ M fN fA '(per rad) (per Radl Error

2B Dgival 4.00 2.84 3.00 2.93 3.04 - 3.6

l I
4.00 3.07 3.15 - 2.5
5.00 3.20 3.21 - 0.3
7.00 3.26 3.44 - 5.2
B.OO 3.30 3.59 - 8.1

13 Dgive 3.01 5.00 2.00 2.76 2.72 ! 1.5
I I

5.00 2.87 2.89 - 0.7
Parabola 2.00 2.76 2.62 5.3

I 5.00 2.87 2.60 10.4
Ogive 5.04 2.00 2.70 2.63 2.7

I j 5.00 3.02 3.00 0.7
P.faool. 2.00 2.70 2.28 18.4

Ogive 4.01 3.00 0 2.08 2.04 2.0

j 5.00 0 2.35 2.25 4.4
7.00 0 2.44 2.61 - 6,5

5.00 3.00 0 1.94 1.93 0.5

j 5.00 0 2.24 2.11 5.2
7.00 0 2.39 2.13 12.2

i 29 Ogival 4.24 2.50 7.50 3.11 3.15 - 1.3

J j I
3.50 6.50 3.22 3.12 3.2
I 10.50 3.38 3.56 - 5.1

4.00 10.00 3.30 3.40 - 2.9
30 Dgiv,l 1.72 2.50 2.50 2.86 3.02 - 5.3

I \.50

I
3.16 3.11 \.6

3.00 2.80 2.89 - 3.1
1.28 1.50

I
2.92 2.93 - 0.3

1.99 2.50 2.93 3.32 -11.7

I 1.50 3.20 3.19 0.3
3.00 2.85 3.07 - 7.2
3.50 2.79 2.41 15.8

2.64 2.50 3.02 3.44 -12.2

I 3.00 2.93 3.27 -20.2
. 3.50 2.86 3.4: -16.1

3.06 2.50 3.00 3.52 -14.8

I 3.00 2.96 3.24 - B.6
3.50 2.88 3.52 -18.2

31 Cgrval 1.2B 3.50 \.50 2.72 2.76 - 1.4

I
I 2.50 2.50 2.70 2.90 - 6.9

1.72 3.50 1.50 2.76 2.93 - 5.B
I 2.50 2.50 2.~7 3.15 - B.9

1.99 \.50 3.50 3.30 3.45 - 4,3

1

3.50 1.50 2.76 3.00 - 8.0
2.50 \.50 2.76 3.04 - 9.2
2.50 2.50 2.94 3.24 - 9.3
3.50 1,50 2.77 3.00 - 7.7

3.06 3.50 1.50 2.75 2.95 - 6.8
I I 2.50 2.50 3.00 3.15 - 4.8

32 OgiY.1 1.73 6.26 9.45 2.62 2.49 5.2
I I 2.00 I I 2.68 2.57 4.3

:!: 1.1
Average Error :II --

. 5.55%
n

Cone.Cylinder 5.9%

Ogive-CV1inder 5.3%
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TABLE •.2.1.1-C

SUMMARY OF EXPERIMENTAL DATA ON BODIES OF NONCIRCULAR CROSS SECTION

SUPERSONIC SPEEDS

No.. Body Afterbody Sb I B w h P c IN
'N .

Ref. Sh_ Cross Section Cross Section (SCI inJ (in. I x (in.) lin.) lin.) lin,) (in.) Me.g. eqUIY

Ogi".1 ~

_.
Horizontal No... 12.56 12.00 0.667 4.90 3.27 18.49 1.63 12.00 3.0 1.5-33 ElliplQid j Ellipse 2.86

I
j I 5.66 2.83 18.87 1.41 I I() Venical 2.83 5.66 18.87 2.83Ellipse ,

Horizontal I
;,

20.00 4.90 3.27 18.49 1.63 20.00 5.0j Ellipse ,

I I I 5.66 2.83 18.87 1.41
I

I
j( Vertical I

I
) Ellipse 2.83 5.66 18.87 2.83 ,

, Horizontal 1 28.00 4.90 3.27 18.49 1.63 28.00 7.0,j Ellipse

I I 5.66 2.83 18.87 1.41

( Vertical
I

,
2.83 5.66 18.87 2.83

t ) Ellipse

34 Semicirc. C Semicircle Semicircle 1.20 21.00 ... 1.75 0.875 4.50 0.371 11.50 17.0 3.12Cone , rpt.

1
Sem;ellip. C' Semiellipse SemieUipse 2.40 I I 3.50 J 7.50 I l 12.0 lCo... . -

35 Cone L Triangle Triangle 12.44 40.00 0.500 4.48 4.08 13.62 1.36 13.33 10.0 2.5-
4.63

7 In"erted In'fened I J I I 2.72Triangle Triangle

'--' Horizontal Horizontal 12.57 4.90 3.27 13.08 1.63.../ Ellipse Ellipse

I I I 5.66 3,83 14.05 1.41

() Venical Vertical 2.83 5.66 I 2.83Ellipse Ellipse

I
Semicona C- 5emiellipse Semiallipse 6.93 2.31 16.18 0.98

j '-:7 Inverted Inverted ( I I 1.33Semiellipse Semiellipse

36 Ogival ,=-, Horizontal Horizontal 1.13 14.65 ... 1.70 0.87 4.22 4,25 9.00 12.2 3.12Ellipse Ellipse rot.

I I () VertiCIIl Venic.1 I l 0.87 1.70 I 0.85 IEllipse Ellipse

I j f~ Triangle Triangle 1.23 1.28 4.00 0.50 I

37 Ogivel 0 HorizOntal Horizontal 1.54 14.00 ... 1.71 1.14 4.57 0.571 4.20 10.0 1.98.
Ellipse Ellipse rot. 3.88

() Venical Vertical 1.14 1.71 I 0.857Ellipse Ellipse

" Horizontal Horizontal 1.98 0.99 4.92 0.495...-J Ell'" Ellipee
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TABU: 4.2.1.1-C (CONTO)

No. 80dy AfterbodV 5. 18 w h P c IN
'N .Ref Shipe Cross Section Cross Section IIQ in,) (in.! x lin.l lin,) !in.) lin.l On.l Mc.g. equlv

37 Ogivel r Venicel Venicel 1.54 14.00 •• 0.99 1.98 4.92 0.990 4.20 10.0 1.98.

'"
Ellipse Ellipse rpt. 3.88

,--=.,
Squere Square 1.24 1.24 4.93 0.620

..~

I// Diamond Diamond 1.75 1.75 0.875

L Triangle Triangle 1.89 1.63 5.60 0.544

'7 Inverted Invened I j I 1.090Triangle Triangle

C) Horizontal Horizontal
8.40 1.98 0.99 4.92 0.495 6.0Ellipse Ellipse

0 Vanical Vertical I 0.99 1.98 I 0.990 IEllipse Ellipse

3B Con. C) Horizontal Horizontal 0.503 8.00 0.500 1.13 0.57 2.81 0.283 1.701 10.0 1.62-
Ellipse Ellipse 2.40

0 Verticil VertiCil
0.57 1.13 0.566 IEllipse Ellipse

L j j I
Triangle Triangle j

6 Teardrop Teardrop 0.71 0.95 2.45 0.446

39 Ogivll 0 Cln::le Circle 9.62 39.10 0.454 3.50 3.50 11.00 1.75 2.25 11.17 1,.41.
Cone 2.20

°aiv.. C) Ellipse Ellipse 14.43

j
5.26 13.98 2.63 9.09Ellip.old

Oglv" 0 FIR-Bottom Flat-Bottom 13.02 4.38 13.56 1.98 9.61Teardrop T..drop

j U Trillngl. Trill""l. 14.50 4.90 4.42 12.40 1.47 9.09

V Inverted In_ j ~ j j 2.95

*
Triangle Tr.ngll

40 Oalvl. C) Horlzontll Horizontal 12.60 42.00 0.697 4.90 3.27 12.94 1.64 14.00 10.50 2.01Ellipse Ellipse

0
I

IDlemond Diemond 4.46 4.46 13.12 2.23

U Trlangl. Trlengle 4.50 4.10 13.74 1.64

V I- I- I j j 2.41Tr......l. Trleingll

Q T.., Tent 3.60 4.11 13.14 1.85

CJ Inverted In_ I I I 2.32Tint Tent

0 Sq.... Sq.... 3.62 3.62 13.12 1.81
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TABLE 4211-<: (CONTO)...

No. B..V
A_ s" I B w 0 p • IN I

Rof. SO_ Cro. sect Ion Croto Soctlon (-.In,) Un.! • Un.1 Un.) (In.) lin.) (In.) NeqUlv M• .g.

40 OgIYIII 0 goo Teardrop 900 Teardrop 12.60 42.00 0.697 3.88 4.31 12.73 2.02 14.0,0 10.50 2.01

Q Inwrtod Inverted I I I 2.36
SOOTeardrop 9QOT..rdrop

6 4SOT.rdrop 450 Teardrop 3.49 5.02 13.60 2.16

Q 1- Inwned I I I 2.86450 T..-drop 450 Teardrop

0 Vertical Vertical 3.27 4.90 12.94 2.45
EIIIPII ElIlp.

0 Horizontal Horlzonte' 4.90 3.27 I 1.64Ellipse Ellipse

0 Diamond Ol.mond 4.48 4.46 13,12 2,23

U Triangle Trillngle 4.50 4.10 13.74 1.64

\l Inverted I- I I I 2.47

U
Triangle Triangle

Tent Tent 3.60 4.17 13.14 1.85

V Invortod Inverted 3.16 I I 2.32
Tent Tont

0 Squ•• 5ou... 3.62 3.62 13.12 , .81

0 ~T.rdrop goo Teerdrop 3.90 4.31 12.73 2.02

Q ~~verted
I_ I j I 2.36

6
Teardrop goo Tnrdrop

~60T.rdrop 450 Teardrop 3.50 6.02 13.60 2.16

Q Invortod Inverted

I I I I 2.86
45o T..rorop 4SOT..rdrop

0 Venicel Verticel 3.27 4.90 12.94 2,45 IEllipse Elllp.

41 Pointed 0 Venbl None 6.73 9.90 - 2.20 3.29 8.80 1.65 9.00 3.67 1.97.
ElliPtOid Ellipse

j
rpt. 2.94

1
I 1.57 4.70 11.00 2.35 I II 1.10 6.69 14.83 3.29

13.50 2.20 3.29 8.80 1.66 13.50 6.00

0 Horizontel 9.90 3.29 2.20 I 1.10 9.90 3.61
Ellipse

I J I 4.70 1.67 11.00 0.78 I I6.69 1.10 14.83 0.55
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TABLE 4.2.1.1·C (CONTOI

2.15

2.24 1.25

8.78 1.08

M

2.01

8.35

10.95

c
(in.)

p

On.)

6.98 ().63 18.32

h
lin.1

w
Un.!

...
'Pt.

•c.g.

18.32

4.82

2.80

Sb

(~in.l

Nona

Afterbody
Cross Section

BodV
Cro. Section

Rectangle

o
Wod..

R.f

42

3.39 3.85 0.88 9.46 0.44 9.95

[::::::J

[_J

4.81

6.35

1.25 10.20 0.63

1.65 11.00 0.83

8.35

7.27

4.82 5.84 0.88 12.72 0.44 8.34

6.85 1.25 13.46 0.63 7.00

= Rectangle 2.69 2.15 6.80 10.2,2 11.18

22.3B

26.34

13.65

16.13

44 Conicel
UPJ>8rSur1

Modified

Semiellipse

198.1 0.526 21.48 6.52

17.25 0.584

3.0,
3.5

j
3.0

6.86

8.3

11.7

23.3

22.9

19.7

22.9

34.75

13.95

64.6

7.12

6.93

j

...
.Pt

..,
'Pt.

2.68 0.361 4.3

4.18

8.25

1.50

0.75 0.75

2.94 1.00

2.87

...
rpt.

0.669

0.576

I

8.80

16.95

1.06

0.50

1.73

3.59

2.33

1.73

102.0

Modified

Semlallipse

Samlclrcle Semicircle
on Rectangle on Rectangle

I I
o
o

Conice!

Conicel
Duck Bill

Cylindricel
Upper Surf.

43

maximum crOlS4&Ction area

body length

p t;.lldy cross-section perimeter

c distance from body cro..seetion (max)
centroid to bottom of seetlon

xc.g.

w

h

location of moment raf.rence
center from body nose (body Iengthsl

body crolH8Ctlon brelldth

body crag-section height

1N nose length

I B
fN equivalent fineness ratio '" ---

equlv dequiV

cross-section area
where d equiv ..

0.7854

4.2.1.1-19



SUBSONIC SPEEDS

1.0

J.....-

/'
V

20164
.6

o 8 12

FINENESS RATIO

FIGURE 4.2.1.1-20il APPARENT MASS FACTOR

1.0

.8

.6

x;;r
~)T = 0.378 + 0.527
faI- a

V
./

./
V

./
V

,4
.4 .6 .8 1.0

FIGURE 4.2.1.1-20bBODY STATION WHERE FLOW BECOMES VISCOUS

4.2.1.1-20
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U.I.~ BODY LIFT IN TIlE NONLINEAR AN(;U:·OF·ATT\Ch. It \,«a:

Potential-now theory shows that the lift on a body is a linear function of angle of attack and IS

proportional to the body base area. In particular. the lift on a closed body is zero. Slender-body
theory also shows that the lift of an inclined body is independent of Mach number from low
subsonic to supersonic Mach numbers.

The prediction of body-lift characteristics using potential-now theory is necessarily limited to those
cas~s where negligible viscous flow separation occurs, i.e., low angles of attack. Divergence between
test data and potential-now predictions can occur at very low angies of attack. Thus, to eliminate
the potential-now-theory angie-of-attack limitation requires consideration of the viscous now
separation effects.

Experimentally, the now separates over the leeward side of the body. and the normal force
increases nonlinearly with angle of attack. A pair of standing body vortices originate near the nose
and increase in strength along the length of the body. A cross section of the now is very similar to
the two-dimensional now about an infinite cylinder with laminar separation. That is, the now
separates in the region of the lateral meridians of the body rather than at points closer to the top
meridian, as in turbulent separation. This effect is further accentuated by shock lets that appear (at

subsonic speeds) near the maximum half-breadth at about M ~ 0.4 and fix the boundary-layer
separation. For these reasons a cross-now drag coefficient for laminar-boundary-Iayer conditions is
used to evaluate viscous cross-now forces for body lift even though the actual boundary layer is
usually turbulent.

Several methods have been developed that assume that the normal forces acting on bodies of
revolution at angles of attack can be represented by the linear combination of potential-tlow and
viscous cross-tlow contributions. The lift-curve slope at zero angle of attack is used for the
potential-tlow term. Some form of cylinder cross-tlow drag is used to evaluate viscous cross-tlow
lift. The methods differ mainly in their treatment of the nonlinear cross-tlow term. Some of the
better known methods for subsonic and supersonic analyses are discussed below.

In Reference I Allen and Perkins assume that the viscous contribution at each station along the
body is equal to the steady-state drag of a section of an infinite cylinder placed normal to the tlow
with velocity V sin 0<. This method is accurate to within ± 10 percent for high fineness-ratio bodies
(fineness ratios of approximately 20 or greater). However, the accuracy of the method deteriorates
as fineness ratio is decreased.

Kelly, in Reference 2, presents a method that is a refinement of that presented in Reference I.
Kelly uses the hybrid theory of Van Dyke (Reference 3), with a correction for boundary-layer
displacement thickness for the potential-tlow contribution. For the viscous term, the unsteady
cross-tlow drag of a cylinder started impulsively from rest is used instead of the steady-state value.
This method is limited to cross-tlow Mach numbers less than 0.4 and to values of the parameter
2f tan c< <;; 9.

The method of Reference 4 assumes that viscous cross-tlow effects occur only on the cylindrical
afterbody.

These methods are approximate, however, and each gives accurate answers over a limited range of
test conditions. None of them is valid for all conditions.

4.2.1.2-1



A. SUBSONIC

Three methods are presented for predicting body lift. The first method, taken from Reference 5,
applies only to bodies of revolution and is rather general in its application. It is based on the
assumption that the flow is potential over the forward part of the body and has no viscous
contribution in this region. On the aft part of the body, the flow is assumed to be entirely viscous,
with lift arising solely from cross-flow drag.

The second method applies to bodies of elliptical cross section and bodies of revolution. This
method is based on the concept of vortex lift for sharp delta wings as presented in Reference 6. The
method as presented herein has been extended to include a set of empirical curves designed to
estimate the angle of attack where the onset of vortex lift begins. This modification to the theory is
necessary, since the onset of vortex lift for thick bodies does not correspond to that for flat-plate
wings, i.e" zero angle of attack. The experimental data used in the correlation are presented in
References 7 through II.

The third method is, in principle, the most general in application, but can be substantiated the least
by test data. This method, presented in Reference 12 by Jorgensen, applies to bodies of arbitrary
cross section and angles of attack from 0 to 1800 in the Mach-number range from 0 to 7. The
method is based on the original proposal of Allen (Reference I), that the cross flow or lift
distribution over a body can be expressed as the sum of a slender-body potential term and an
empirical viscous cross-flow term. Although the method has been extended in the literature to
include bodies with nonconstant cross sections of various types with and without lifting surfaces
and afterbodies (References 12 and 13), the lack of substantiating test data has restricted the
Datcom method to bodies with constant circular and elliptical cross sections. References are cited
to assist in analyzing other configurations. Normal-force coefficient is calculated by this method.
See Section 4.2.3.2 for calculation of axial-force coefficient using the method of Jorgensen. The
ex perimental data used in the correlation are presented in References 12, 14, 15, and 16.

As noted above, all methods are applicable to bodies of revolution. It is suggested that Method I be
used for bodies of revolution at low angles of attack because of its general application and
sensitivity to the many possible body profile shapes. It should be noted that for those cases where
the predictions from Method I diverge from test data (approximately 120 angle of attack or
higher), they generally tend to underpredict the lift coefficient. Conversely, the results from
Method 2 generally tend to yield estimates that exceed the test data in the high-angle-of-attack
range. Therefore, it is recommended that Method 3 be used in the high-angle-of-attack range.

DATCOM METHODS

Method I

The expression for the lift coefficient of a body of revolution, based on VB 2/3. taken from
Reference 5. is

4.2.1.2-2

(k2 - k t ) 2 IX So 2 a2
------+--

V 2/3 V 2/3
B B
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where

(kz - k l ) 2 ex So

V Z/3
B

1)

r

is the potential-flow contribution from Paragraph A of Section 4.2.1.1.

is the angle of attack in radians.

is the ratio of the drag on a finite cylinder to the drag on an infinite
cylinder, obtained from Figure 4.2.1.2-35a.

is the body radius at any longitudinal station.

is the steady-state cross-flow drag coefficient of a circular cylinder of
infinite length, obtained from Figure 4.2. I.2 -35b.

is the body length.

The remaining terms are defined in Paragraph A of Section 4.2.1.1.

The lift coefficients of several bodies of revolution, calculated by the Datcom method, have been
compared with test data in Reference 5. In general, the accuracy of the method is satisfactory up to
angles of attack of approximately 120 .

Method 2

The expression for the lift coefficient of bodies of revolution and elliptical cross-section bodies,
based on the projected body planform area, is given by

4.2.I.2-b

where

is the potential-flow lift parameter, obtained from Figure 4.2.1.2-36a as a function of
body aspect ratio.

is the viscous-flow lift parameter, obtained from Figure 4.2.1.2-36bas a function of body
aspect ratio.

is the body angle of attack.

is the angle of attack where the onset of vortex lift begins, obtained from
Figure 4.2.1.2-37 as a function of body fineness ratio and thickness ratio.

When exv > a the viscous-lift contribution (second term) of Equation 4.2.1.2-b is not
considered; i.e., it is zero. Thus the second term is considered only for those cases where
ex - a. yields a positive value.
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The test data used to generate Figure 4.2. I .2-37 were limited to Mach numbers less than 0.6.
There'fore it is "dvis"ble that Equation 4.2. J.2-b be applied to Mach numbers less than 0.6. For
higher M"ch numbers the user is referred to the parametric test data contained in References 8
through I I.

A L'omp"rison of test data with results calculated by this method is presented in Table 4.2.J.2-A. It
should be noted that these test data and all other available test data were used in the development
of the empirical curves. which estimate the angle of attack where the onset of vortex lift begins.

In general, the accuracy of the method was found to be satisfactory up to angles of attack of
approximately 20°

For those noncircular cross-section bodies that cannot be analyzed by this method, the user is
referred to the summary of available test data on bodies of noncircular cross section at subsonic
speeds presented in Table 4.2. I. I-A.

Method 3

The normal-force coefficient' for bodies with circular and elliptical cross sections, based on
cross-sectional reference area 5, is given by

4.2. I .2-c

where

is the ratio of the normal-force coefficient for the body of noncircular cross
section to that for the equivalent body of circular cross section (same
cross-sectional area) as determined by slender-body theory. For circular cross
sections this ratio is one. For elliptical crOss sections this ratio is given by

4.2.1.2-d

where

a is the major axis of the elliptic"1 cross section.

b is the minor axis of the elliptical cross section.

q, is the angle of bank of the body about its 10ngitudin"1 "xis; q, = 0
with the major "xis horizontal, and q, = 900 with the minor "xis
horizontal.

-The body lift can be determined by C
L

~ eN cos Q + ex sin Cl where eX is obtained from Section 4.2.3.2.
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IS the body hasL' ar~a.

is the I.:ross-st:ctional reference an.--a of the cylindrical portion of tile body (can
he arbitrarily selected).

is an inLidenL"t.~ angk defined as Q" ::: Q' for 0 ~ 0' ~ 90? and Q" ::: I gOa Q' for
900 ,,; 01 ,,; I80°

is the ratio of the normal-force coefficient for the body of noncircular cross
section to that for the equivalent body or circular cross section (same
cross-sectional area) as determined by Newtonian impact theory. For circular
cross sections this rJtio is one. For elliptical cross sections this ratio is described
below.

When the major axis (a) is perpendicular to the cross-now velocity,

4.2.1.2-e

When the minor axis (b) is perpendicular (0 the cross-flow velocity,

4.2.1.2-1'

where a and b are as defined above.

is the cross-flow dng proportionality factor, obtained from Figure 4.2.1.2-35a
as a function of body fineness ratio.

is the cross-llow drag coefficient of the cylindrical section, obtained from
Figure 4.2.1.2-35b as a function of cross-flow Mach number Me' where Me = M
sin 0'.

is the body planform area. In applying the method to bodies with elliptical
cross section, the term S in Equation 4.2.1.2-c is based on an equivalent body
of revolution with the saJ;e cross-sectional area.

Reference 12 discusses methods of computing CN for bodies with noncircular and nonelliptical cross
sections. Re;:ferencc I J treats the gencml case of axially varying cross-sectional shape and bodies
with lifting surfaces. However, since substantiating data for these methods are lacking, they have
been omitted from the Datcom.
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It is noted in Reference 12 that the cross-flow drag coefficient Cd e may be reduced dramatically
under the simultaneous conditions of Me .;; 0.4 and R, sin", > 105 (R, is Reynolds number based
on diameter). These conditions have only recently been analyzed in detail and have not been
included in the Datcom method because of considerable uncertainty in the magnitude and trend of
the effects. For more detailed information regarding these effects, the user should refer to
Reference I 2.

Although the method is applicable up to", = 1800 , no test verification has been obtained for", >
600 at subsonic speeds. Table 4.2.1.2-B presents substantiation data taken at two Mach numbers.
The calculated values for CN tend to underestimate the test values at high ""s. The method is
probably less accurate as transonic speeds are approached (M > 0.9). It is further recommended that
Methods I and 2 be used at the low angles of attack whenever possible, since the accuracies of these
methods are better substantiated at low ""s.

Sample Problems

Method I

Given: An ogive-cylinder-boattail body of revolution of Reference 20. This is the body of the
sample problem of Paragraph A of Section 4.2.1.1.

Body Characteristics:

d = 5.0in.

db = 3.30 in.

~N = 26.25 in.

~B = 63.47 in.

~c = 23.77 in. ~A = 13.45 in.

VB 2/3 = 0.660 sq ft

(Sample Problem, Paragraph A, Section 4.2.1.1)
Xo = 50.34 in.

So = O. 134 sq ft

Additional Characteristics:

M = 0.80

Compute:

(k2 - k1 ) 2", So = (0.960) (2) '" (0.134) = 0.390'"

V 2/3 0.660
B

4.2.1.2-6



Me varies from 0.80 sin 40 to 0.80 sin 200
; 0.056";; Me";; 0.274

c ; I. 20 (constant)
de

(Figure 4.2.1.2-35b)

1) ; 0.710 (Figure 4.2.1.2-35a)

f
'8

'0

1) r cd dx
e

; f63.47 (0.710) (r) (1.20) dx

50.34

(
2.48 + 1.65); (0.710) 2 (1.20) (63.47 - 50.34)

Solution:

; 23.10 sq in. 0.160 sq ft

2ex2

; 0.390 ex + 0.660 (0.160)

; 0.390 ex + 0.485 ex2

(Equation 4.2.1.2-a)

CL

• •
(based on VB2/3)

(deg( (rad) Eq.4.2.1.2-a

4 0.0698 0.0296

8 0.1396 0.0639

12 0.2094 0.1030

16 0.2792 0.1467

20 0.3490 0.1954

The calculated results are compared with test values in Sketch (a).
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Method 2

Given. The Model A elliptical cross-section body of Reference I I.

C-14.-0n-in.-----J.'
PLANFORM

S 29.857 in 2 A = 0.602

M 0.60

4.2.1.2-8
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Compute:

dequ,v = ~..fif

= ~,j (0. 707)(~.1 ~ I)

= ~45

f
~B 14.077

= = --- = 5.74
dequiv 245

a 2.121
= = 3.0

b 0.707

Kp 0.85 (Figure 4.2.1.2-36a)

K, 3.14 (Figure 4.2.1.2-36b)

0< = 4.3 0 (Figure 4.2.1.2 -37),

Solution:

C = K sino<cos20<+K sin2 (0<-0< ) cos (0< -0<)
L P v v v

•

(Equation 4.2.1.2-b)

Q K Sin Q cos2 o: K sin 2 (0: - Q' l cos lo: - 0: ) cLp , , ,
(deg) (Potential component) (Vortex component) G)+0

0 0 0 0

2 0.0296 0 0.0296

4 0.0590 0 0.0590

6 0.0879 0.0028 0.0907

8 0.1160 0.0131 0.1291

10 0.1432 0.0308 0.1740

12 0.1691 0.0559 0.2250

14 0.1936 0.0879 0.2815

16 0.2165 0.1265 0.3430

18 0.2376 0.1712 0.4088

20 0.2567 0.2215 0.4782

The calculated values are compared with test values from Reference II in Sketch (b).
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SKETCH (b)

Method 3

Given: Elliptical cross-sectional body with tangent ogive nose of Reference 15.

1
a/2 ~"I---- CROSS-FLOW

VELOCITY

I
-e::::::::--I-----I
:: ' -I I

. N 'B •.

Body Characteristics:

a
- = 4 667 cm2 . ~B = 66.0 cm Sp = 392.466 cm2

b
= 2.333 cm

2
~N = 19.8 cm
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Additional Characteristics:

(){ = 500 q, = 0 M = 0.6 R. = 6.5 X 105 (based On diameter)

and the major axis (a) is perpendicular to cross-flow velocity.

Compute:

(){'

S

d

= ()( = 500

lfab4" = If(4.667)(2.333) = 34.206 cm2

= S = 34.206 cm2

= d . = 2 fib
4

b
= 6.6 cm

equlV ./4"

Slender-body potential-theory term

Sb (){
- sin 2ei C05- ;;

S 2

Viscous cross-flow term

34.206
34.206 (0.9848)(0.9063) = 0.8925

~B
f = - =

d
66.0 = 10
6.6

11 = 0.685 (Figure 4.2.1.2-35a)

Me = M sin (){ = 0.6 (0.7660) = 0.46

cd = 1.32 (Figure 4.2.1.2-35b)
e

S
I1Cd ...! sin2(){ = (0.685)(1.32)

e S

Ratios for noncircular cross section

392.466 (0.766)2 = 6.09
34.206

4.667 2.333
= 2.333 (I) + 4.667 (0)

;:: 2.0

(Equation 4.2.1.2-(1)
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(Equation 42.1.2-e)

2 J4.667
2 2.333

-(2.333)2 I( 4.667)2

(
I 2.3332) 3/2

4.667 2

[
4.667 ( J 2.3332)~log -- I + 1 ---

e 2.333 4.6672
+----

Solution:

2.121 1-0.3849 loge 3.732 + 1.3331

2.1211-0.3849 (1.3169) + 1.3331

= I.752

CN= (c:N
) (S; sin 20! cos ~) + (c~N ) ('ICd c ; sin

2<>') (Equation 4.2.1.2-c)

ca SB elf NT

= 2.0 (0.8925) + I.752 (6.09)

12.45 (based on body cross-sectional reference area, S)

Additional values have been tabulated below:

•
M (deg) eN

0.6 10 1.2

0.6 20 3.2

0.6 30 5.9

0.6 40 9.0

0.6 50 12.5

0.6 60 15.8

The calculated results of the sample problem are compared to test values from Reference 15 in
Sketch (c)
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B TRANSONIC

10 20 30

ANGLE OF ATTACK.d

SKETCH (c)

40

(deg)
50 60

At transonic Mach numbers. the flow about a body of moderate to large angies of attack is very
complex. Analytically, the handling of inviscid mixed subsonic and supersonic flows, which in.!eract
at their mutual boundaries. is quite difficult. The presence of the body boundary layer, which may
provide an additional mode of interaction between the locally subsonic and supersonic flows,
presents an additional complication.

DATCOM METHOD

Because of the-analytical difficulties of the problem, no method is given for estimating the transonic
lift of a body at angle of attack. It is suggested that subsonic estimates be faired into supersonic
results, with experimental data for similar configurations used as a guide in fairing. For bodies of
revolution, the reader is referred to the test data of References 17 through 21.

For elliptical cross-section bodies in the transonic speed regime, the reader IS referred to the
parametric test data presented in References 8 through II.
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C SUPERSONIC

Three methods are given for predicting body lift.The first method uses the results of the cross-flow
analysis presented in Reference I to predict the lift on a body of revolution at angle of attack. This
result has been modified by Jorgensen in Reference 22 to include bodies of elliptical cross section,
and that modification is also presented under Method I. The cross-flow method of Reference I is
discussed at the beginning of this section.

The second approach uses hypersonic-similarity concepts that have been adapted to supersonic
speeds. The hypersonic-similarity parameters are extended to supersonic Mach numbers by
replacing M by il in the hypersonic parameters (Reference 23). Test data for a wide range of cone
cylinders for Mach numbers between 1.57 and 4.24 are used in Reference 24 to derive supersonic
design charts based on these modified hypersonic-similarity parameters. These charts are presented
in this section. They have been slightly modified at the upper limit of their range to make them
consistent with the hypersonic charts presented in Paragraph D. These charts can be used for
pointed noses other than cones with only small losses in accuracy.

The third method is an improvement on Method I developed by Jorgensen in Reference 12. This
method calculates the normal-force coefficient up to angles of attack of 1800 on bodies with
circular and elliptic cross sections. The method is identical to that presented as Method 3 in
Paragraph A of this section. It is recommended that this method be used at high angleS of attack
whenever the first two methods are not applicable.

DATCOM METHODS

Method I

The method presented for predicting the lift of a body of revolution at angle of attack is that of
Allen and Perkins, in Reference I. The lift of bodies of elliptical cross section is that of Reference I
as modified by Jorgensen in Reference 22.

The lift coefficient of a body "f revolution, based on body base area, is

4.2.1.2-g

where

'" is the angle of attack in radians.

Cd is the cross-flow drag coefficient, obtained from Figure 4.2.1.2 -35b.
c

Sp is the body planform area.

Sb is the body base area.
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The supersonic lift coefficient at angle of attack of a body having an elliptical cross section. based
on body base area. is

(c) = [~ COS2 q, + ~ sin 2 q,] C
L alb b a L

where

a is the major axis of the elliptical cross section.

b is the minor axis of the elliptical cross section.

4.2.1.2-h

q, is the angle of bank of the body about its longitudinal axis; q, = a with the major axis
horizontal and q, = 900 with the minor axis horizontaL

C
L

is the lift coefficient of a body of revolution having the same cross-sectional area
distribution along its axis as the elliptical-cross-section body of interest. It is given by
Equation 4.2.1.2-g.

The Datcom method has been used to calculate the variation of lift coefficient with angle of attack
for the bodies of elliptic cross section of Reference 22 and the bodies of revolution of References I,
22, and 25 through 28. Although the nose shapes of most of the configurations analyzed were
tangent ogives, a few bodies of revolution had conical or hemispherical noses. All the afterbodies
were straight (no boattail or flare). In general, the calculated results agree well with test data,
particularly for angles of attack up to approximately 100 The comparison of calculated and test
values for the sample problems at the conclusion of Paragraph C of this section is indicative of the
degree of accuracy of this method.

Methed 2

The alternate method uses hypersonic-similarity parameters that have been adapted to supersonic
speeds by the method of Reference 23. The variation of normal-force coefficient with angle of
attack for pointed or nearly pointed bodies of revolution is estimated by using Figures 4.2. L2 -38a
through -38d, where IJ = yfM2 - I. The normal-force coefficient presented in these design charts is
referred to the base area of the configurations.

With the exception of bodies with elliptical cross sections there are no methods for predicting the
lift on bodies of noncircular cross section at supersonic speeds. A summary of available test data on
bodies of noncircular cross section at supersonic speeds is presented as Table 4.2.LI-C. It is of
interest to note that in Reference 22 (Reference 37 of Table 4.2.1.1-C) the effect of cross-sectional
shape on body aerodynamics has been assessed for bodies with circular, elliptic, square. and
triangular cross sections. The results for bodies with noncircular cross sections have been compared
with results for bodies of revolution having the same axialdistribution of cross-sectional area. Data
taken from Reference 22 are presented in Sketch (d). which shows the experimental ratio of the lift
of bodies with square and triangular cross sections to the lift of the body of revolution having the
same axial distribution of cross-sectional area as a function of angle of attack and Mach number.
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These data show that at certain angles of bank, noncircular bodies develop considerably more lift
than their equivalent bodies of revolution at a given angle of attack. The data of Reference 22 also
show that the ratio of lift coefficient for a body of elliptic cross section to that for an equivalent
body of revolution is practically constant with change in both angle of attack and Mach number,
and that the ratio is given closely by slender-body theory. The slender-body-theory result for the
ratio of potential-now lift for an elliptic body to that for an equivalent body of revolution is the

bracketed term in Equation 4.2.1.2-h, i.e., [~ cos2
<1> +::sin2 <1>]. No such simple correlation is

b a

available for other bodies of non circular cross section.

M = 1.98

2

I I
< I~

r---.£..
0

~
<: 1<;7

~
r- -

1\.< 10
,

o
M = 3.88

204 8 12 16

ANGLE OF ATTACK, a (deg)

SKETCH fd)

I
< '6

,/'
<: 1<;7

0

I
. -

2

oo

3

Method 3

The method of Jorgensen for bodies of revolution and bodies with elliptical cross sections,
described in Method 3 of Paragraph A of this section, is also applicable throughout the supersonic
speed regime up to M = 7. The method is applicable for angles of attack from 0 to 1800

The cross-flow drag proportionality factor 7) in Equation 4.2.1.2-c is equal to 1.0 for M;;' 1.0.

Comparisons of calculated and test values of CN are presented in Table 4.2.1.2-C for bodies with
circular and elliptical cross sections and various nose shapes. The method is intended primarily for
the high-angle-of-attack analysis, and it is recommended that either Datcom Method I or 2 be used
at low angles of attack.
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Sample Problems

I Method 1

Given: An ogive-cylinder body of Reference 22

t 1N-1I--"-tA--·I~o
T

Body Characteristics:

d 1.40 in.

f
N 30

2A 2
8

fA = 7.0 f 10.0
d d

Sp 17.66 sq in. Sb = 1.539 sq in.·

Sp/Sb = 11.47

Additional Cliaracteristics:

M = 1.98

Compute:

(Figure 4.2.1.2-35b) (See calculation table below.)

Solution:

(Equation 4.2. I. 2-g) (based on Sb)

(i) o
S CL2 P 2

0 M, Cd 20 C -00 0
de Sb Eq. 4.2.1.2-g,

(deg) (rad) (rad 2 ) M sin 0: Fig.4.2.1.2·35b 20 0 0 1.47)0 0+0
4 0.0698 0.00487 0.138 1.20 0.1396 0.0670 0.2066

8 0.1396 0.01949 0.276 1.208 0.2792 0.2700 0.5492

12 0.2094 0.04385 0.412 1.275 0.4188 0.6410 1.0598

16 0.2792 0.07795 0.546 1.41 0.5584 1.2600 1.8184

20 0.3490 0.12180 0.677 1.62 0.6980 2.2620 2.9600
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c Method I

Given: A body of Reference 22 having an elliptical cross section and the same axial distribution of
cross-sectional area as the body of revolution of Sample Problem I.

Body Characteristics:

a = 1.98 in.

Additional Characteristics:

b = 0.99 in. alb = 2.0 '" = 0

M = 1.98

Compute:

CL vs ex for a body of revolution having the same cross-sectional area distribution. (from Sample

Problem I)

Solution:

(C) = f~ cos
2

'" + !: sin
2 "'IcL alb b a L

= [(2.0)(1.0)+01 CL = 2.0C
L

(Equation 4.2.1.2-h) (based on Sb)

• c
L (CLI

alb
{degl Sam~e Problem 1 Eq.4.2.1.2·h

4 0.207 0.414

8 0.549 1.098

12 1.060 2.120

16 1.818 3.636

20 2.960 5.920

The calculated results of Sample Problems I and 2 are compared with test values from Reference 22
in Sketch (e).
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4 8 12 16
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20 24

Refer to Sample Problem 3 in Paragraph A of this section for an example of the application of the
method.

D. HYPERSONIC

Three methods are presented for estimating forces on bodies of revolution at hypersonic speeds.
One is the hypersonic-similarity method. Another is the Newtonian impact theory and its
modifications, discussed in Paragraph 0 of Section 4.2.1.1. A third method is the method of
Jorgensen presented in Paragraphs A and C of this section.

The first method presented in this section is based on hypersonic similarity with Newtonian-theory
modifications. Data from References 23 and 29 through 32 have been correlated by means of the
hypersonic-similarity parameters and the results extended to high Mach numbers by means of
Newtonian theory. These data are limited to pointed, unOared bodies.

The incremental normal-force coefficient due to spherical nose blunting of cones has been
calculated by using Newtonian theory. The calculations assume that pressures aft of the intersection
of the sphere and the cone are not affected by the blunt nose.

Increments in normal forces due to the addition of Oares on cylindrical bodies have also been
calculated 0" the basis of Newtonian Oow. Caution should be used in using body Oares, however,
because they can cause Oow separation due to the pressure rise across the shock wave at the
beginning of the Oare. These separated Oows can be unsteady and can cause large losses in lift and
moment ·effectiveness. The conditions that aggravate boundary-layer separation tendencies are large
Oare angles, lower Mach numbers, high Reynolds number (for a given laminar or turbulent
condition), and high wall temperatures. Corner radii or filleting can greatly alleviate this problem.
Reference 33 gives some idea of the magnitude of these effects.
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The second method is based on Newtonian impact theory. Design charts, taken from Reference 34,
art' presented for estimating the normal-force characteristics of arbitrary bodies of revolution. These
charts are applicable to angles of attack up to 90°

The third method is the method given by JC'rgensen in Reference 12, and presented as Method 3 of
Paragraphs A and C of this section. This method calculates the normal-force coefficient up to angles
of attac·k of 180

0
on bodies with circular and elliptical cross sections. It is recommended that this

method he used at high angles of attack whenever the first two methods are not applicable.

DATCOM METHODS

Method I

The normal-force coefficient for a body composed of a circular cone-cylinder with or without a
blunted nose and/or a flared skirt, based on the body base area, is

4.2.I.2-i

where

is the normal-force coefficient of a circular cone-cylinder, based on the cylinder
base area. This parameter is obtained from Figure 4.2.1.2-40.

is the increment in normal-force coefficient due to blunting the nose of the
cone, based on the base area of the spherical nose segment. This parameter is
obtained from Figure 4.2.1.2-42a.

is the increment in normal-force coefficient due to the addition of a flared
body of revolution at the end of a semi-infinite cylindrical body, based on the
base area of the flared body. This parameter is obtained from Figure
4.2.1.2 -42b.

is the diameter of the cylinder.

d

Method 2

is the diameter of the spherical nose segment. (See Figure 4.2.1.2-42a.)

is the body base diameter.

The expression for the normal-force coefficient of an arbitrary body of revolution, based on the
body base area, taken from Reference 34, is

4.2.1.2-20
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where

K =- 2. according to Newtonian theory, which corresponds to Moo:=' 00 and 'Y =- 1.0. This value
does not account for either Mach number or l' variations, but for pointed bodies with
attached shocks it gives results of acceptable accuracy. For blunt bodies the actual value
of the stagnation-point pressure coefficient may be used for K:

4.2.1.2-k

Q
B

is the body length.

R is the reference radius (radius of the base).

r is the local radius at any body station.

Ko is a pressure-surface-slope integral factor obtained from Figure 4.2.1.2-43 as a functiol,
of angle of attack and the surface slope (J of the body of revolution.

The following steps outline the calculation procedure:

Step I. From the equation of the body of revolution obtain the expression for the surface
slope using the relation •

where (J, dr, and dx are illustrated in Sketch (f).

dr
~~

~dX -=r-
x = 0 x = 1B

ELEMENT OF SURFACE DETAIL

SKETCH(f)

Step 2. Compute the values of rlR and (J at various longitudinal stations x/Qo'
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Step 3. For various x/20 enter Figure 4.2.1.2-43 with the corresponding 8 from Step 2 and
obtain K. at the desired angle of attack.

r
Step 4. Plot the product K. R versus x/20 .

Step 5. Obtain CN by integrating the area under the curve described in Step 4 and multiply
K 20

ing that value by -
1f R

Method 3

This method is identical to Method 3 presented in Paragraphs A and C of this section. The method
is applicable to angles of attack from 0 to 1800 and Mach numbers up to 7. The method has beel)
partially substantiated by test data from Reference 16 in Table 4.2.1.2-C.

The method shows reasonable agreement with test data at hypersonic speeds in the low-angle-of
attack range. Because of the scarcity of substantiating test data, caution should be used when
applying the method at higher angles of attack (a > 250 ).

Sample Problems

I. Method I

Given: Configuration 5115 of Reference 35, consisting of a cone-cylinder-frustum body with a
spherical nose. This is the configuration of the sample problem in Paragraph D of Section
4.2.1.1.

2
N

= 1.45 ft 2
A

= 1.20 ft d = 0.62 ft d = 1.20 ft db = 1.268 ftcyl

4.2.1.2-22
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Compute.

=

=

1.20

1.20

1.45

1.20

:= 1.00

;;;; 1.21

/l/fN = 3.91/1.21 = 3.23

Solution:

o CD

(Equation 4.2.1.2-i)

®
(lieN'

F(" r(13CN'cone.
cyO rcy

)'

(CN)cone. d
16CN)N(f,J

CN
cylinder cylinder b ,- -

Q flo Fig. 4.2.1.2-40 (,ll,CN)N db (.6,C
N

I
F (based on Sb)

(deg) Ideg) interpolated 10/13.911110.769) Fig.4.2.1.2·42a 010.205) Fig.4.2.1.2-42b 010.2311 0+@+®
0 - - - - - - - 0

'0 39.1 1.5 0.295 -0.435 -0.0892 0.40 0.092 0.298

20 78.2 3.5 0.688 -0.820 -0.'68 0.92 0.212 0.732

30 117.3 5.4 1.062 -1.125 -0.231 1.00 0.383 1.214

40 156.4 7.8 1.534 -1.350 -0,277 2.55 0.589 1.846
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2. Method 2

Given: A second-power body of revolution of fineness ratio 1.0.

T
R

x (Q: ) r2 (equation of body) Q
B

= 2.0 ft R = 1.0 ft

M~ = 3.55 'Y = lAO

Compute:

Determine K for a blunt-nosed body

K= ~:~ [1-'Y~3 M~.J = 1.77
(Equation 4.2.1.2-k)

Calculate r/R and 8 at various longitudinal stations x/QB and plot (see Sketch (g)).

20

lOa

80

60

8 (deg)

40

a
1.0.9.8.7A .5 .6

x/J.B

SKETCH(g)
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Obtain values for K. from Figure 4.2.1.2-43 for various values of 0 at ex '" 6°

r
Plot the product of K. R versus x/Qo (see Sketch (h».

fa' K.Integrate the area under the curve of Sketch (h). Ja

.16

.12

r
KO R

.08

./
......

./
,/

/

II

/
/

.04

.4

Solution:

o
o .2

x/to
SKETCH (h)

.6 .8 1.0

K ...':- d (.-..:..)
• R Qo

(Equation 4.2.1.2-j)

(1.77)(2.0)

( )
(0.135)

" 1.0

~ 0.152 (based on Sb)

3. Method 3

Refer to Sample Problem 3 in Paragraph A of this section for an example of the application of the
,nethod.
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TABLE 4.2.1.2·A

SUBSON Ie BODY 11 FT
METHOD 2

DATA SUMMARY AND SUBSTANTIATION

Percent
•, Error

R,f M A alb d Qs/deqUiv Fig. 4.2.1.2.31 • CL CL
,

equiv
Id..1 calc test

7 0.4 0.245 1.5 4.80 10.0 7.3 4 0.031 0.024 29.2

! ! ! ! ! 8 0.061 0.063 ~3.2

12 0.113 0.115 ~1.7

16 0.199 0.173 15.0

0283 2.0 4.80 10.0 5.5 4 0.041 0.033 24.2

1 1 1 1 1
8 0.089 0.087 2.3

12 0.174 0.170 2.4

16 0.295 0.256 15.2

18 0.368 0.303 21.5

0.316 2.5 4.80 10.0 4.0 4 0.052 0.051 2.0

! ! ! ! !
8 0.125 0.134 -6.7

12 0.243 0.245 -D.8

16 0.399 0.367 8.7

8 0.4 0.408 1.5 4.0 5.0 12.4 4 0.192 0.20 -4.0

1 1 1 ! 1
8 0.377 0.355 6.2

12 0549 0.58 -5.3

16 0.761 0.82 -7.2

20 1.09 1.12 -2.7

0.286 1.5 4.0 7.0 8.8 4 0.197 0.21 -6.2

1 1 ! 1 1
8 0.387 0.43 -10.0

12 0.629 0.675 -6.8

16 1.05 0.97 8.2

20 1.63 1.46 11.6

0.786 2.0 4.0 3.0 16.3 4 0.240 0.24 0

! ! ! ! !
8 0.472 0.45 4.9

12 0.688 0.665 3.5

16 0.881 0.89 -1.0

20 1.087 1.133 -4.1

j
0.337 2.0 4.0 7.0 6.7 4 0.257 0.285 -9.8

! ! ! ! !
8 0.518 0.555 -6.7

12 0.939 0.95 -1.2 I

16 1.556 1.475 5.5

20 2.343 2.145 9.2
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TABLE 4.2.1.2·A (CONTO)

Percent•• Error
R,f M A ,/b dequlv ' Id Fig. 4.2.1.2-37 • CL CL

,
E:I equiv

ld",i calc test

9 0.5 0.5656 2.0 5.0 5.0 9.1 4 0.055 0.052 5.8

1 1 1 1 1
8 0.108 0.103 4.9

12 0.165 0.170 -2.9

16 0.246 0.246 0

20 0.349 0.343 1.7

j
0.3075. 3.0 3.535 7.07 3.45 4 0.0315 0.035 -10.0

1 1 1 1 1
8 0.081 0.084 -3.6

12 0.158 0.159 -<J.6

16 0.259 0.256 1.2

18 0.318 0.310 2.6

'0 04 0.350 3.0 6.0 6.93 3.53 4 0.036 0.044 -18.2

j j ~ t ~ ~ ~
8 0.090 0.090 0

12 0.171 0.172 -0.6

0.311 4.0 6.0 8.60 1.93 4 0.036 0.030 20:0

~ ~ ~ ~ ~
8 0.098 0.078 25.6

12 0.186 0.170 94
11 0.6 1.674 3.0 2.45 2.01 12.95 4 0.137 0.125 9.6

1 1 1 1 1
8 0.269 0.250 1.6

12 0.392 0.380 3.2

16 0.511 0.510 0.2

20 0.643 0.615 -4.1
2.41 3.0 2.45 1.436 16.85 4 0.175 0.160 94

1 1 1 1 1
8 0.344 0.320 1.5

12 0.501 0.465 1.1

16 0.642 0.625 2.1
20 0.771 0.180 -1.2

Percent Error "I
~_:o 6.9%

n
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TABLE 4.2.1.2·B

SUBSONIC BODY NORMAL FORCE

METHOD 3

DATA SUMMARY AND SUBSTANTIATION

R,

I(based

~
Nose a

Ref M on deQUI ) alb Shape Idegl CN CN .CNeQulv calc test

15 0.6 6.5 x 105 1.0 10 Ogive 10 0.6 0.5 0.1

j
20 1.7 1.4 0.3

30 3.2 2.7 0.5

40 5.0 4.6 0.4

50 6.9 6.4 0.5

60 8.9 8.9 0

0.9 10 0.6 0.4 0.2

j
20 1.7 1.5 0.2

30 3.3 3.5 -0.2

40 5.7 6.4 -0.7

50 8.4 9.8 -1.4

60 11.1 13.4 -2.3

0.6 2.0 10 1.2 1.2 0

j
20 3.2 3.9 -0.7

30 5.9 7.3 -1.4

40 9.0 11.5 -2.5

50 12.5 16.7 -4.2

60 15.9 19.2 -3.3

0.9 10 1.2 1.2 0

j
20 3.3 4.3 -1.0

30 6.2 8.4 -2.2

40 10.1 14.8 -4.7

50 15.1 19.1 -4.0

60 19.7 22.3 -2.6

0.6 0.5 10 0.3 0.1 0.2

j
20 0.8 0.4 0.4

30 1.6 0.8 0.8

40 2.6 1.3 1.3

50 3.5 1.5 2.0

60 4.5 1.2 3.3

0.9 10 0.3 0.1 0.2

j
20 0.9 0.5 0.4

30 1.7 1.1 0.6

40 2.8 2.3 0.5

50 4.2 5.2 -1.0

60 5.5 7.0 -1.5

Average Error eo L I.CNI
-n-'" 1.27
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TABLE 4.2.1.2-C

SUPERSONIC AND HYPERSONIC BODY NORMAL FORCE

METHOD 3

DATA SUMMARY AND SUBSTANTIATION

R,

(based '6 No.. "
R,I M on deQUi)

./b -d-- Shape ldeg) CN CN 'CNequlv
calc test

14 1.50 1.25;l( 105 1.0 6 Blunt 35 4.5 5.0 -0.5

~ ~
65 10.5 9.0 1.5

95 11.7 10.0 1.7

8 Cone 35 4.2 4.5 -0.3

j
65 9.7 8.5 1.2

95 10.7 8.7 2.0

125 8.6 6.2 2.4

155 2.6 2.7 -0.1

9 35 5.4 6.0 -0.6

j
65 13.0 10.7 2.3

95 14.6 11.5 3.1

125 11.5 8.5 3.0

155 3.3 7.0 -3.7

11 35 6.6 7.5 -0.9

j
65 16.3 14.0 2.3

95 18.4 14.6 3.8

125 14.3 11.5 2.8

165 1.5 2.0 -0.5

9 Ogive 35 5.7 6.2 -0.5

j
65 13.8 11.5 2.3

95 15.5 12.0 3.5

125 12.2 9.5 2.7

155 3.5 3.8 -0.3

7 35 4.1 4.7 -0.6

j
65 9.4 8.4 1.0

95 10.4 8.3 2.1

125 8.4 6.0 2.4

155 2.6 3.0 -0.4

11 35 6.5 7.3 -0.8

j
65 16.0 13.0 3.0

95 18.1 14.5 3.6

125 14.1 10.9 3.2

155 4.0 4.5 -0.5

2.86 6 Blunt 35 4.6 4.0 0.6

I ~ I
65 9.1 8.4 0.7

95 10.3 10.0 0.3

8 35 5.8 5.4 0.4

~
65 12.0 11.0 1.0

i 85 13.6 12.9 0.7
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TABLE 4.2.1.2-C (CONTO)

R,

(based
~

Nose "
R,f M all d ) alb d Shape (deg} CN CN ~CNeQUIY eQulY

calc test

14 2.86 1.25 x 105
'0 7 Cone 35 4.3 3.8 0.5

1
65 8.4 8.0 0.4

95 9A 9.0 OA

125 7.3 60 1.3

155 2.8 1.7 1.1

9 35 5.5 5.2 0.3

j
65 11.2 10.5 0.7

95 12.8 12.0 0.8

125 96 8.1 1.5

'55 3.6 2.4 1.2

11 35 6.8 6.5 0.3

j
65 14.1 13.5 0.6

95 16.2 15.0 1.2

125 11.9 10.5 lA

155 4A 33 1.1

9 Ogive 35 5.8 5.5 03

j
65 12.0 11.0 1.0

95 13.7 12.6 1.1

125 10.2 9.0 1.2

155 3.8 2.6 1.2

7 35 4.2 4.0 0.2

j
65 8.2 7.8 0.4

95 9.2 8A 08

125 7.1 5.9 1.2

155 2.8 1.7 1.1

9 35 5.4 5.4 0

j
65 11.0 10.5 0.5

95 12.5 11.6 0.9

125 9A 8.5 09

155 3.5 2.6 0.9

11 35 6.7 66 01

j
65 13.8 13.0 08

95 15.9 14.5 'A
125 11.8 10.4 lA

155 4.3 3A 09

16 4.24 5.4 x 105 1.0 7 Cone 4 0.16 0.22 -0.06

1 1 1 1 ! 1
8 0.49 0.50 -0.01

12 0.94 0.85 0.09

16 1.42 1.22 0.20
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TABLE 4.2.1,2·C (CONTO)

R,

(based .....L Nose Q

R,I M on d ) alb d equiv Shape (deg) CN CN "CNequlv
calc lest

16 4.24 5.4 x 105 1.0 7 Cone 20 1.90 1.62 0.28

t 24 2.39 2.05 0.34

10 4 0.20 0.26 -0.06

B 0.59 0.64 -0.05

12 1.24 1.11 0.13

16 1.92 1.66 0.26

20 2.57 2.30 0.27

24 3.34 3.03 0.31

5.04 2.6 x 105 4 0.21 0.28 ~0.07

B 0.63 0.65 -0.02

12 1.23 1.06 0.17

16 1.81 1.53 0.28

20 2.45 2.08 0.37

24 3.23 2.67 0.56

7 Ogive 4 0.18 021 -0.03

!
B 0.49 0.46 0.03

12 0.93 0.78 0.15

16 1.32 1.14 0.18

6.28 1.1x105 Cone 4 0.19 020 -0.01

I 1 j
B 0.51 0.47 0.04

12 0.89 0.78 0.11

16 1.31 1.18 0.13

20 1.76 1.64 0.12

24 2.2B 2.14 0.14

15 1.2 3.8 x 105
1.0 10 Ogive 10 OB 0.5 0.3

j
20 2.3 2.0 0.3

30 5.1 4.8 0.3

40 9.2 8.4 0.8

50 13.0 11. 1 1.9

60 16.0 14.8 1.2

1.5 10 0.7 0.5 0.2

j
20 2.5 2.6 -0.1

30 5.8 5.6 0.2

40 9.4 8.7 0.7

50 12.4 11.8 0.6

60 14.7 14.2 0.5

2.0 10 O.B O.B 0

~
20 2.8 2.B 0

30 6.0 5.4 0.6
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TABLE 4.2.1.2-C lCONTO)

A,

(based '. Nose "
Aaf M on deQUi) alb deQUiV Shape tdeg) CN CN deN

calC test

15 2.0 3.8)( 105 1.0 10 Ogive 40 8.6 8.2 OA

+ +
50 11.0 11.0 0

60 13.3 13.0 0.3

1.2 2.0 10 lA 1.3 0.1

I
20 4.3 5.2 -0.9

30 9.2 9.8 -0.6

40 16.3 15.0 1.3

50 23.0 18.8 4.2

60 28.3 21.9 6A

1.5 10 lA 1.7 -0.3

1

20 4.5 5.4 -0.9

30 10.2 10.0 0.2

40 16.8 14.7 2. I

50 22.2 19.0 3.2

60 25.9 21.2 4.7

2.0 10 lA 1.6 -0.2

j
20 5.1 5.1 0

30 10.7 9.3 1.4

40 15.4 13.4 2.0

50 19.5 17.3 2.2

60 23.4 20.4 3.0

1.2 0.5 10 0.3 0.2 0.1

j
20 1.2 0.7 0.5

30 2.6 2.2 0.4

40 4.6 4.6 0

50 6.5 6A 0.1

60 8.0 7.5 0.5

1.5 10 OA 0.3 0.1

I
20 1.2 0.9 0.3

30 2.9 2.8 0.1

40 4.7 5.1 -0.4

50 6.2 6.9 -0.7

60 7.4 8.5 -1.1

2.0 10 0.4 0.4 0

j
20 1.4 1.3 0.1

30 3.0 3.0 0

40 4.4 4.7 -0.3

50 5.6 7.4 -1.8

60 6.6 7.5 -0.9

Awrage Error ... L ldCN
!---0.94

n
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SUPERSONIC SPEEDS
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SUPERSONIC SPEEDS
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HYPERSONIC SPEEDS
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HYPERSONIC SPEEDS
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HYPERSONIC SPEEDS
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4.2.2 BODY PITCHING MOMENT

4.2.2.1 BODY PITCHING·MOMENT·CURVE SLOPE

A. SUBSONIC

Two methods are presented in this sechon for estimating the body pitching-moment-curve slope at
angles of attack near zero. Several additional methods are presented in References I through 4 of
Section 4.2.1.1. As in the case with lift, moments acting on bodies are frequently considered in the
literature to be divisible into two contributions - one due to potential flow over the forward part
of the body and the other due to viscous cross flow over the aft part of the body. The general
discussion of Section 4.2.1.2 on these flow conditions is directly applicable to this section.

DATCOM METHODS

The two methods presented for calculating the body pitching-moment-curve slope are distinguished
from one another in that Method I is applicable only to bodies in the presence of a wing flow field;
whereas Method 2 is valid only when applied to a body in undisturbed flow.

It is not feasible to present generalized design charts; however, both Equations 4.2.2.I-a and -b can
be integrated for any arbitrary body of revolution.

Method I

Multhopp's method, taken from Reference I, estimates the body pitching-moment-curve slope in
the presence of a wing flow field. This method is valid for bodies of revolution in the low subsonic
speed regime. Application of this method is practical only when test data are available for the wing
pitching-moment-curve slope of the wing-body combination. This method then allows a separate
analysis of the body effects to be made, enabling a build-up of the wing-body pitching-moment
curve slope based on test data for the wing contribution and on this method for the body
contribution. If no wing pitching-moment-curve-slope test data are available, the method of
Section 4.3.2.2 is recommended for estimating the wing-body pitching-moment-curve slope. The
body pitching-moment-curve slope in the presence of a wing flow field, based on the product of
wing area and wing MAC Sw cw , is given by

I
=

36.5 SwCw

where

(per degree) 4.2.2.I-a

Sw is the wing reference area.

Cw is the wing mean aerodynamic chord.

~B is the length of the body

4.2.2.1-1



4.2.2.1-2

is the average width of a given body segment (see Sketch (all.

is the rate of change of upwash with respect to angle of attack. The estimation of
afu ~
a", varies for various fuselage segments. These definitions of a", with their

afu
respective body segments are presented in Sketch (a). The values of a;; for the

body increments forward of the wing are estimated by the curves presented in
Figures 4.2.2. 1-22a and -22b. The separate curve for the body increment
immediately forward of the wing is necessary because of the rapid increase of

af
upwash in this vicinity. Both curves of a",u presented in Figures 4.2.2.1-22a and

-22b are based on a wing-body lift-curve slope of 0.0785 per degree. To correct for
afu

other values of (CL.) WB' multiply the values of a", obtained from these figures

by the ratio (CL .) /0.0785. (The values of (CL ) should be obtained from
WB a WB

test data Or Section 4.3.1.2 and expressed in units of per degree.) The estimation of
af
a",u for that portion of the body aft of the wing is based on the assumption of a

linear variation of downwash from the trailing edge of the exposed wing root chord
to the horizontal tail. If the methods of Section 4.4.1 are to be used for estimating
a~ ,
a",' the downwash should be calculated for the trailing-edge point of the body; i.e.,

assume the horizontal-tail MAC quarter-chord point coincides with the trailing edge
of the fuselage.

Segments 1-5 O£u I oCt from figure 4.2.2.1·21b

Segment 6 ot:u I OCt from figure 4.2.2.1·21:.

O£u Xl ( ol'
Segments 7·14 1 + on = lb 1- on

3 1.( I
I I

f , ·2 ®l® I.. crI I I •

~ ~XI~
XI is measured to the cenlroid

of the body increment

SKETCH (a)



Method 2

The method of Reference 2 is presented for estimating the body pitching-moment-curve slope. Only
the potential-flow portion of the method of Reference 2 is applied, limiting the application of the
method to angles of attack near zero. The body pitching-moment-eurve slope, based on the total
body volume Vu, is given by

where

dSx
-(X
dx m

- x) dx (per radian) 4.2.2.I-b

X

is the apparent mass factor developed by Munk and given in Figure 4.2.1.1-20a.

is the volume of the body.

is the body station where the flow ceases to be potential. It is a function of
xI' the body station where the parameter dSx/dx first reaches its maximum
negative value. The parameters Xo and Xl are correlated in
Figure 4.2.1.1-20b.

is the body cross-sectional area at any body station.

is the longitudinal distance from the nose to the chosen moment center.

is the location of the center of pressure of a given body segment, measured
from the nose.

In many cases it will be possible to determine the location of Xl by inspection. For cases that are
doubtful, the area distribution should be plotted and examined to determine the location where
dSx/dx first reaches its maximum negative value.

The pitching-moment-curve slopes of several bodies of revolution have been calculated by this
method and compared with test data in Reference 2. In general, the method has a fair degree of
accuracy at angles of attack near zero.

For a rapid but approximate estimation. slender-body theory can be used, which gives

(per radian) 4.2.2.1-c

where Cma is based on Sb Qu , Sb being the base area of the body of revolution and Qu the total
length of the body of revolution.

No method is available for estimating the pitchmg-moment-curve slope of a body of noncircular
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cross section. Consequently, test data must be relied upon as the basis for predicting the
pitching-moment-curve slope of such configurations. A summary of available test data on bodies of
noncircular cross section at subsonic speeds is presented as Table 4.2.1.I-A.

sample Problems

1. Body in the wing flow field

Given: The wing-body configuration of Reference 3

Body ax w, x,
Increment (in.) lin.! lin.)

1 B.07 2.7 53.0

2 7 6.9 45.5

3 7 10.3 38.5

• 7 13.4 31.5

5 14 16.1 21.0

6 14 16.8 14.0

7 14 16.8 7.0

8 14 16.1 21.0

9 7 14.1 31.5

10 7 12.7 38.5

11 7

I
11.1 45.5

12 7 8.2 52.5

13 7 5.1 59.5

14 6.21 1.7 65.6
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4429 sq in.
a..

0.50 (Iesl dala)Sw : cw : 39.97 in. - :

aOl

~B : 170.95 in. ~h : 56.26 in.
(CL.)WB

: 0.047 per degree (Iesl dala)

ere
: 45.67 in.

Compute:

Determine al each body incremenl

Bady x, x, 3f!u /aa (3E u /3«) corrected
- .nd - o 10.04711O.07B5Increment c,. c,. Figures 4.2.2.1·n..·22b

1 1.16 0.14 0.ll84

2 1.00 0.18 0.108

3 0.84 0.22 0.132

4 0.69 0.27 0.162

5 0.46 0.37 0.222

6 0.31 1.95 1.168

Bady x, x, ( .i) 3t'uJ3a.
Increment - - ,-- 0) - 1.0'h llh iter

7 0.124 0.062 -0.928

8 0.373 0.187 -0.813

9 0.680 0.280 -0.720

10 0.684 0.342 -0.658

11 0.800 0.404 ~.596

12 0.933 0.467 -0.633

13 1.058 0.529 -0.471

'4 1.166 0.583 -0.417
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1'8 ae
Evaluate wr2 (--..!! + I) dx

o a",

w,' a·u (a.u )80dy -+1 4. w 2 - +' 4.
Inaement Un.2 ) a. 11n.1 f a.

000
1 7.29 1.084 8.07 63.77

2 47.6 1.108 7.0 369.19

3 106.1 1.132 7.0 840.74

4 179.6 1.162 7.0 1460.87

5 259.2 1.222 14.0 4434.39

6 282.2 2.168 14.0 8566.33

7 282.2 0.062 14.0 244.95

8 268.2 0.187 14.0 878.68

9 198.8 0.290 7.0 399.86

10 161.3 0.342 7.0 386.15

11 123.2 0.404 7.0 348,41

12 67.2 0.467 7.0 219.68

13 28.0 0.529 7.0 98.28

14 2.89 0.583 6.21 8.78

Solution:

'.r;
• -0

(aeU )wr a; + I Ax = 18,106.78 cu. in.

= ::-~I-::-1
0

'8
36.5 Swew

18,106.78

(aeU )wr a", + I dx (Equation 4.2.2.I-a)

No lest data are available for the body in the presence of the wing flow field.
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2. Potential Flow

Given: The 3/4-power body of revolution of Reference 12.

xI
c:::::-----..LJ__J
r-_o------------<'lB--------.../

•

21 3
/
4

r = 0.255 [I - (I - 6.~~5) ~B = 5.036 ft d = O.5lOft

VB = 0.687 cu ft f = ~B/d = 9.87 Xm = 3.54 ft M = 0.40

Compute:

Determine xl

The body station where dSx/dx first reaches a maximum negative value can be
determined by inspection; however, the area distribution is plotted to illustrate the
determination of Xl'

.3

.2

Sx

(fr)

.1

o

/"
.- ............ I 1

~/'

/ '"/

/
V

./
V

o 2 3

x (ft)

4 5 6

Cross-Sectional Area Distribution
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XI = 5.036 ft

Xl 11. = 5.036/5.036 = 1.0

x.ll. = 0.905 (figure 4.2.1.1-201»

Xo = (0.905) (5.036) = 4.558 ft

(k z - k l ) = 0.937 (figure 4.2.1.1-208)

= 2.728

i'·
Evaluate

o

dS,
(f,( (xm - x) dx

dSx Ax • AS
dSx

Station , Sx dx x x· tXm - x) d; (xm -x) Ax

1ft) (ftl Ift21 (ft2) 1ft) IItl Ift3)

0 0 0
0.0317 0.333 3.21 0.102

0.5 0.1005 0.0317
0.0468 0.769 2.77 0.130

1.0 0.1581 0.0785
0.0376 1.260 2.29 0.086

1.5 0.1922 0.1161
O.04n 1.768 1,78 0.084

2.0 0.2280 0.1633
0.0270 2.253 1.29 0.0348

2.5 0.2461 0.1903
0.0127 2.751 0.79 0.0100

3.0 0.2542 0.2030
-0.0016 3.250 0.29 -0.00046

3.5 0.2532 0.2014
-o.Q186 3.748 -0.21 0,0035

4.0 0.2425 0.1848
-0.0327 4.215 -0.14 0.0242

1(0 • 4.66 0.2200 0.1621

'. dS}: d: (Xm - x) £\x = 0.474 cu ft
,-0

Solution:

(Xm - X) dx (equation 4.2.2.I-b)

= (2.728) (0.474)

= 1.293 per rad (based on VB)

This compares with a test value of 1.369 per radian from reference 12.
·x I, qk~n at the cent... of volume of each body -um-nt.
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3. Slender-Body Theory

Given: The ...me conrJguration a....mple problem 2.

fa = 5.036 ftXm = 3.54 ft

Compute:

xm/1s = 3.54/5.036 = 0.7029

Vs = 0.687 cu ft s., = 0.1103 sq ft

(equation 4.2.2.I-c)

Solution:

=
0.687

= 1.237
(0.1103) (5.036)

=2f. xm
+ Vs _I)

\ls Sb1s

= 2(0.7029 + 1.237 - I)

= 1.880 per rad (based on St!-s)

= 1.52 per rad (based on Vs )

B. TRANSONIC

Slender-body theory states that body force and moment charact~risticsare not functions of Mach number.
Experimental data verify this result (references 4, 5, and 6). Any differences in the subsonic value
of Cm.,. obtained from paragraph A and the supersonic value of Cm.,. obtained from paragraph C should
be faired out smoothly in the transonic range. Experimental data should be used, when available, as a guide
in fairing in the transonic range.

Transonic test data on bodies of noncircular cross section are available in references 25, 26, and 5 of table
4.2.I.I-A.

C. SUPERSONIC

Several theoretical methods have been developed that can be used for estimating the moment characteristics
of bodies of revolution at supersonic speeds. However, these are best applied by machine methods. Some of
these methods are discussed in paragraph C of Section 4.2.1.1.

DATCOM METHOD

An empirical method is presented, based on the data from reference?, for ogive-cylinder and cone-cylinder
bodies at supersonic speeds. Figure 4.2.2.1-23a gives the center-of-pressure location for ogive-cylinders, and
rJgUfe 4.2.2. J-213b gives the center-<>f-pressure location for cone-cylinders. The moment slope, based on the
product of the maximum frontal area and body length SBla, is

where

(
xm Xc.p.)

C = - -- Cm.,. 1 1 N.,.
S S

(per radian) 4.2.2.1-<1

Xm
is the desired moment-center location in fraction of body length.

----_..__._.~_.
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x
~ is the center-<>f-pressure location in fraction of body length, obtained from fagure 4.2.2.1.23,a or
1B figure 4.2.2.1-23b, depending upon the given configuration.

C
N

is the normal-force-eurve slope, based on maximum frontal area of the ogive-cylinder or
a cone-eylinder body, obtained from paragraph C of Section 4.2.1.1 (fagures 4.2.1.1-2Ia and

4.2.1.1-2\ b, respectively).

Experimental data from reference 6 indicate that the center-of-pressure location of 1/21'0wer bodies is
closely approximated by corresponding (same fineness ratio) ogive values. This reference also indicates that
the center-<>f-pressure location for 3/4-power bodies is approximately 5 percent of the body length ahead of
the corresponding cone location. Figure 4.2.2.1-23a is recommended for 1/21'0wer bodies. For 3/41>ower
bodies it is recommended that figure 4.2.2.1-23b be used with the center-<>f-pressure location moved
forward approximately 5 percent from the chart value.

The center-<>f-pressure location of a boattail at the end of a semi-infinite cylindrical body is presented in
fagure 4.2.2.1-24. This chart is taken from reference 9 and is based on the results of reference 10.

The moment slope of an ogive-cylinder or cone-cylinder body with a boattail afterbody, based on the
product of the maximum frontal area and the length of the oglve-cylinder or cone-cylinder body SB!&, is
(see sketch (0»

{ [
(x) •. ~}xm c.p. b At) xm

Cm = (Cm ) + - - 1 - + (I -.) ~CN (per radian) 4.2.2.I-e
a a 0 '000.. 1B h 1. '"II a

cy ...

is obtained from equation 4.2.2.1-<1. xm fI.a is defmed above, and
.0'0000
qID.4er

(xc
.P .\ is the center-<>fl'ressure location of the boattail in fraction of boattaillength, measured aft of

1b the forward face of the boattail. This parameter is obtained from figure 4.2.2.1-24.

where

is the ratio of the boattaillength to the length of the ogive-cylinder or cone-cylinder body.

is the inaement in normal-force-curve slope, based on SB, due to the addition of a boattail
to a semi-infinite cylindrical body. This parameter is obtained from paragraph C of Section
4.2.1.1 (fagure 4.2.1.1.22&).

SKETCH(h)
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The moment coefficient of a flared body of revotution is taken to be that predicted by impact theory.

The moment slope of an ogive-<:ylinder or cone-cylinder body with a flared afterbody. based on the product
of the maximum frontal area and length of the ogive-<:ylinder or cone-<:ylinder body 5&18. is (see sketch
IC»

where

+.2!.. (ACN ) (per radian)
18 a F

4.2.2.I,f

(Cma ) is obtained from equation 4.2.2.1«\ and
olitc/con~

cyllDdor

C
ma

11 the pitching-moment-<:urve slope of the flared afterbody about its own front face. based on
the product of its base area and base diameter. This parameter is obtained from figure
4.2.2.1·2S~.

d

a

n

is the diameter of the base of· the flared body.

is the diameter of the front face of the flared body.

is the length of the ogive-<:ylinder or cone-<:ylinder body.

is the distance from the face of the flared afterbody to the desired moment reference axis of
the configuration. positive aft.

is the normal-force-<:urve-slope increment. based on S8. due to the addition of a flared
af~erbody behind a semi-infinite cylinder. This parameter is obtained from paragraph C of
Section 4.2.1.1 (figure 4.2.1.1·22b).

1-------J18------__

SKETCH (c.)

4.2.2.1-11



A comparison of test data with Cma of ogive-cylinder and cone-cylinder bodies calculated by this method
is presented as table 4.2.2.I-A. The ranges of body geometry and Mach number of the test dsta are:

Cone-CyJinder Ogive..(;yJinder

0 ... fA ... 12 0 ... fA ... 10

2.112 ... fN ... 12 1.5 ... fN ... 7

o ... fAlfN ... 2.5 o ... fAlfN ... 2.5

1.5 ... M ... 5.0 1.20 ... M ... 4.24

No method is available for estimating the pitc.hing-moment-curve slope of a body of noncircular cross
section ai supersonic speeds. Consequently. test data must be relied upon as the basis for predicting the
pitching-moment-curve slope of such configurations. A summary of available test data on bodies of
noncircular cross section at supersonic speeds is presented as table 4.2.1 .I.e.

Sample Problem

Given: The cone-cylinder-flare body of reference 13. This is the same configuration as the sample problem
of paragraph C of Section 4.2.1.1.

T

iN = 1.21 in. iA = 4.00 in. la = 5.21 in.

iF = 2.40 in. deyl = aflaro = 1.0 in.

dflue = d = 2.75 in.

n = -5.21 in. xm = 0

Compute:

Cone-cyJinder

fN =iN IdeYI = 1.21

fA =i A /dey. = 4.00

4.2.2.1-12
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fA/fN = 4.00/1.21 = 3.31

fN/1l = 1.21/4.95 = 0.244

Xc.p.ll.s = 0.36 (linear extrapolation) (figure 4.2.2.1· 23b)

CN = 3.52 per rad (based on Ss) (sample problem, paragraph C, Section 4.2.1.1)
a

) -- (I.
X

s

m
- I.

X

s

c
.
P
.) CNa 4 2(c (equation .2.. I-d)

rna cone
cylinder

= (0 - 0.36) (3.52)

=-1.267 per rad (based on Ss~)

Flare:

(ACNa)F= 11.73 per rad (based on Ss) (sample problem, paragraph C, Section 4.2.1.1)

n/I.s = -5.21/5.21 = -1.0

aId = 1.0/2.75 = 0.364

C~a = -1.0 per rad(based on "t) (figure 4.2.2.1-2Sa)

Solution:
d3 n
-- + - (ACN ) (equation 4.2.2.H)
a2~ I.s ~ a F

= -1.267 + (-1.0)

= -1.267

(2.75)3 + (-1.0) (11.7 3)
(1.0)2 (5.21)

3.992 - 11.73

= -16.99 per rad (based on Ss~)

This compares with. test value of -14.51 per radian from reference 13.

D. HYPERSONIC

Newtonian theory is used in this section to estimate the pitching-moment-curve slope of cone frustums with
or without a spherical nose, a blunted conical nose, or a blunted ogival nose. Newtonian impact theory and
its modifications are discussed in paragraph D of Section 4.2.1.1.
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DATCOM METHOD

Charts that give the pitching-moment-<:urve slope of cone-frustum bodies and spherical noses are presented
in figures 4.2.2.1-2511 and 4.2.2.1-25b, respectively. These charts are taken from reference II and are based
on Newtonian impact theory. By properly combining values from these charts, the total Cm may be. a
determined for bodies composed of multiple cone frustums with or without spherically blunted noses.

The center-of-pressure locations of spherically blunted cones and ogives are presented in figures 4.2.2.1-26
and 4.2.2.1-27, respectively. These charts are also based on impact theory, and represent a specific
application of the method described below for configurations consisting of COne frustums with spherical
noses.

The procedure for computing the total pitching-moment-<:urve slope for a complex body is given in the
following steps. The moment values for each individual segment of a multiple cone-frustum body with or
without a spherical nose are referred to a moment axis at the front face of that particular segment, and are
based on the product of the base area and base diameter of that particular segment.

Step I.

Step 2.

Compute C';' for each body segment about its own front face, using figures 4.2.2.1-258
and 4.2.2.1-2~b.

Transfer the individual moment slopes to a common reference axis by applying the
following moment transfer equation to each body segment.

where

C = C·
m ma a

n
+ - C (per radian)

d Na
4.2.2.I-g

CN is the normal-force-curve slope of the individual cone-frustum or spherical nose
a segment, based on its own base area, from figures 4.2.1.1-26 and 4.2.1.1-23,

respectively.

d is the base diameter of the individual cone-frustum or spherical nose segment.

n is the distance from the front face of a given segment to the desired moment
reference axis of the configuration, positive aft.

C~ is the pitching-moment-<:urve slope of an individual segment from figure
a 4.2.2.1-258 for cone frustums and from figure 4.2.2.1-.25b for spherical nose

segments. C':'a is based on the product of the base area and the base diameter of
the individual segment.

Cm is the pitching-moment-<:urve slope of an individual segment based on the product
a of the base area and base diameter of the individual segment and referred to a

common reference axis.

Step 3. The transferred pitching-moment-curve slopes of the individual body segments are then
converted to a common basis by

4.2.2.1-1'4



m

(per radian) 4.2.2.I-h

where the subscript n refers to an individual segment of m segments, and Cm is
referred to a common reference axis and is based on the product of the area and diametg. of
the base of the configuration Sbdb·

In using figures 4.2.2.1-26 and 4.2.2.1-27 to obtain the pitching-moment-<:urve slope of spherically blunted
cones and ogives, respectively, use is made of equation 4.2.2.1-d, i.e.,

(per radian)

where

is obtained from figure 4.2.2.1-26 for spherically blunted cones and from figure 4.2.2.1-27
for spherically blunted ogives.

is the desired moment-center location in fraction of body length.

is the normal-foree-curve slope of spherically blunted cones and spherically blunted ogives
from figures 4.2.1.1·24 and 4.2.1.1-25, respectively.

is the pitching-moment-<:urve slope, referred to a desired moment axis and based on the
product of the maximum frontal area and body length SDlD.

Values of Cm", computed by the above method for spherically blunted cones and ogives may be used in
conjunction with the results presented for conical-frustum bodies in figure 4.2.2.1-25a, provided the
individual results are transferred to a common reference axis and converted to a common basis.

Sample Problem

Given: Configuration 5115 of reference 14. consisting of a cone-<:ylinder-frustum body with a spherical
nose. This is lhe same configuration as the sample problem in paragraph D of Section 4.2.1 .1.

(All dimensions are in feet. xm
located 0.55 ft forward of nose.)

Spherical Segment

II = 0.18
d,

0.36-= d l = 0.62
2

Forward Cone Frustum

a2 = 0.62 d2 = 1.20 12 0.72

62 = 22.50
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Cylinder

a) = 1.20 d) = 1.20 1) = 1.20 8 = 0

Rear Cone Frustum

a = 1.20 d. = db = 1.368 1. = 0.96 8. = 50
4

Compute:

Spherical segment

= 0.18/0.36 = 0.50

C·
m"1

= -0.430 per rad (figure 4.2.2.1-215b) (based on
front face)

(
"d 2 )+ dl' and taken about its

n l = -0.55

CN"I = 0.75 per rad (based on ":1

2

) (sample problem, paragraph D, Section 4.2.1.1)

= C·m" 1
(equation 4.2.2.1 '8)

= -0.430 + (-0.55) 0.75
0.62

= -1.095 per rad (based on ( lr:
1

2
) d l , and taken about xm )

Forward Cone Frustum

a2/d2 = 0.62/1.20 = 0.517

C· = -0.590 per rad (fIgUre 4.2.2.1-25a)(based on ( lrd
2
2) d

2
, and taken about its front

~2 ~) \4
n2 = -(0.55 +~) = -0.73

CN"2 = 1.250 per rad (based on lr:
2

2

) (sample problem, paragraph D, Section 4.2.1.1)
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: C·
m" 2

(equation 4.2.2.I-g)

(
-0.73 )

= -0.590 + 1:20 1.250

(
lTd 2)

= -1.350 per rad (based on + d2, and taken about xm)

Cylinder

c . = 0 (figure 4.2.2.1-25..)
m"3

n3 = -(0.55+11 +~) = -1.45

C
N

= 0 (sample problem, paragraph D, Section 4.2.1.1)
"2

= 0 (equation 4.2.2.1-g)

Rear Cone Frustum

a./d. = 1.20/1.368 = 0.877

C· = -0.325 per rad (figure 4.2.2.1-23ll) (based on (lrd
b
2) db' and taken about its front

~. fu~) 4

(
lTd 2)

= 0.450 per rad based on -;;- (sample problem, paragraph D, Section 4.2.1.1)

(equation 4.2.2.I,g)

( -2 6~)= -0.325 + --'-' 0.450
1.368

(
I'd 2)

= -1.196 per rad (bued on ---1- db' and taken about xm )
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Solution: (equation 4.2.2.1-h)

= (-1.095) ( 0.62)3 + (-1.350)
1.368

= -0.1019 - 0.9112 + 0 - 1.196

(~)3 + (d3)
1.368 0 ~

3

+ (-1.196 (1.368)3
) 1.368

(
lr~ 2 )

= -2.209 per rad (based on -4- db' and referred to a moment axis at xm )
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TABU 4.2.2.1 ....

SUPERSONIC PITCHING-MOMENT-CURVE SLOPE OF CONE-CVLlNOER
ANO OGIVE-CVLINOER BOOIES

DATA SUMMARY AND SUBSTANTIATION

Cm C
maa 0

N..
xm toot Percent

IN 'A l B
Cole.

Ro!. Shope M (perrodl (perrodl Em>(

13 Cone 1.5 2.B36 ( 1.0 0.653 0.692 10.3
1.8 0.660 0.601 8.2
1.92 0,630 0.692 6.4
2.0 0.628 0.613 2.1
2.44 0.620 0.600 3.3
2.73 0.692 4.7
3.0 0.697 3.9
3.0 0.5B4 6.2
3.25 0.5B3 8.3
3.4B 0.679 7.1
3.8 0.6B6 6.8
3.88 0.660 10.7
4.4 0.571 B.8
4.46 0.668 9.6
4.83 0.692 4.7
1.6 2.112 0 1.0 0.633 0.536 IB.I
1.8 0.628 0.524 19.5
Ul2 0.820 0.649 12.9
2.0 0.669 10.9
2.44 0.653 12.1
2.74 0.663 12.1
3.0 0.669 10.9
3.25 0.646 13.8
3.6 0.660 10.7
3.8 0.644 14.0

3.88 0.668 9.6
4.0 0.652 12.3
4.4 0.663 10.1

~.: ~.~ I~.~
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TABLE 4.2.2.1-A lCONTO'

Cm", Cma •
N.-

fN fA i: Cole. TNt '.cent
Rof. 50_ M I.....' (per rm) Err",

14 081" 2.10 3.6 2.6 1.0 1.76 1.80 - 2.2
2.29

I j j
1.75 1.86 - 5.4

2.67 1.74 2.07 -15.9
2.60 1.75 1.96 -10.3
2.94 1.74 2.04 -'4.7
3.05 1.73 2.04 -j5.2
1.63 2.6 2.6 1.0 1.119 2.03 - 6.9
2.03

I I 1
1.91 2.12 - 9.9

2.23 1.90 2.29 -11.0
2.54 1.90 2.IB -12.9
2.77 1.88 2.26 -16.8
3.16 1.63 2.07 -11.6
1.61 2.6 2.6 1.0 1.88 1.94 15.2
2.02

I j j
1.91 1.83 4.4

2.23 1.90 2.09 - 9.1
2.58 1.89 2.03 - 6.9
2.78 1.88 2.11 -10.9
3.16 1.83 1.96 - 6.6
1.63 2.6 2.6 1.0 1.89 1.90 5.0
1.97

I I
1.97 1.89 4.2

2.26 1.90 1.76 8.0
2.54 I 1.90 1.81 5.0
2.76 1.88 2.06 - 8.3
3.17 1.82 1.89 - 3.7

Cone 1.60 2.6 2.6 1.0 1.94 1.57 4.5

I
2.03

r ! 1

1.60 1.68 - 4.8
2.24 1.68 1.68 - 4.8
2.56 1.56 1.81 -13.8
2.80 1.54 1.71 - 9.9
3.15 1.53 1.91 -19.9

Dglvo 1.36 1.6 2.6 1.0 2.16 2.11 2.4
1.67 2.19 1.86 17.7
2.08 2.11 1.96 7.7
2.27 2.05 2.03 1.0
2.57 1.93 2.21 -12.7
2.74 1.86 2.12 -12,3
3.10 1.73 2.09 -17.2
1.87 3.0 2.6 1.0 1.81 1.91 - 6.2
2.07

j I
1.81 1.93 - 6.2

2.28 1.81 1.95 - 1.2
2.58 1.81 1.93 - 6.2
2.83 1.79 2.07 -'3.5
3.15 1.77 2.07 -14.5

16 Dglvo 1.20 2.5 2.5 1.0 1.83 1.85 - 1,1
1.46

I J I
1.87 1.97 - 5.1

1.89 1.91 2.05 - 6.8
2.64 1.89 2.01 - 6.0
3.20 1.81 1.82 - 0.5
1.20 1.5 3.6 1.0 2.26 2.02 11.9
1.46

I 1
2.31 2.14 7.9

1.811 2.211 2.42 - 6,4
2.64 2.03 2.26 -10.2
3.20 1.80 2.12 16.1
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TABLE 422 l·A (CONTO)...
-

Cma
Cma •

No.. ~ Cok:. Test Percent

Rof. Sh_ M IN fA 18 (per r-d) (per rMJI Em',

15 DeN. 1.20 3.5 I.S 1.0 1.62 1.54 5.2
1.45

I I I
1,62 1.65 - 1.8

1.99 1.61 1.68 - 4.2

2.64 1.57 1.68 - 6.5
3.20 1.53 1.57 - 2.5

2.64 2.6 1.6 1.0 1.63 1.75 - 6.9

1.99 I I I 1.68 1.67 0.6

2.64 2.5 3.6 1.0 2.08 2.07 0.5

2.64 2.5 4.5 1.0 2.24 2.26 - 0.9

6 Con. 2,75 3 0 0 -1.23 -1.19 3.4
3.49

J I I I
-1.19 3.4

4.01 -1.22 0.8
4.48 -1.11 10.8
2.75 4 0 0 -1.24 -1.26 - 1.6
4.01 I I I -1.23 -1.39 -11.5
4.48 I -1.48 -16.9
5.00 -1.23 0
2.75 5 0 0 -',27 -1.31 - 3.1
3.49

I I I
-1.23 -1.22 0.8

4.01

I
-1.32 - 6.8

4.48 -1.32 - 6.8
5.00 -1.17 5.1
2.75 7 0 0 -1.30 -1.18 10.2
4.01 I I I -1.26 -1.32 - 4,5
5.00 -1.23 -1.20 2.5

0<1'" 2.75 3 0 0 -1.23 -1.21 1.7
4.01 I -'.07 -1.15 - 7.0
2.76 5 -1.33 -1.15 15.7
4.01 I -1.26 -1.25 0.8
2.75 7 -1.35 -'.35 0
4.01 I -1.32 -1.35 - 2.2

16 00'" 4.24 3.5 6.5 1.0 2.22 2.12 4.7

I I I 4.0 10.0 I 2.44 2.43 0.4
Cone 4.0 10.0 2.31 2.14 7.9

17 0 .... 1.98 3.0 7.0 0 --<l.69 --<l.63 9.5

18 Cone 3.85 12.0 12.0 1.0 1.68 2.18 -22.9

1: 1.1
Average Error '"' -- .. aO%

n
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SUBSONIC SPEEDS
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SUPERSONIC SPEEDS
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SUPERSONIC SPEEDS
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HYPERSONIC SPEEDS
SEMICONE ANGLE, 8, (deg)
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HYPERSONIC SPEEDS
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.1 where 6c is the cone angle and

\ \ \ \ 1\ 1\ 1\ '"
IN the cone length

~---
\ \ \ \ \. \. " ,.2

\.
I

- " I

\ \ \ 1\ 1\ \ \ ...) .3
1\, , , \ '\

\ \, 1\ \ i\. \ .4_I-- d,

\ \ \ \ \ \ ~V 1\ d

'\

i\ \ \ \
\ \ i\ .5\

\ \ \ \ \ \ .,),/ \\, \ ,
\ \ \.6\ ~ ~ \

\ \ \ \ \ \ \V '\~

\ \ \ \ \~" 1\ \-' \
\ \ ~ \ \ \ \ .7

/ ~

\ \ \ \ \ \ ./
V \_-~

\ \ \ \ J~ \ \\

\ ~ \ \ \ \ \
\ \ \ \ \ \ \ /?

,

~.f=- J] \ \ \ \ \
/3

-'6"'
......... '*

fNd --l ? f r I
fN

.50

.54

.46

.58

.62

.30

.38.

.34

XC.P.!IN

FRACfIONOF
NO

.66

.42

FIGURE 4.2.2.1-26 CENTER OF PRESSURE OF SPHERICALLY
BLUNTED CONES (IMPACf THEORY)

4.2.2.1-26



HYPERSONIC SPEEDS
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·u.~.~ BOllY PITCIHNG \IO\IEl"T 1'\ TilE II;O!'lLl'iEAR ·\NGLE·OF·ATTACK RANGE

A SUBSONIC

Two methods are presented for calculating subsonic pitching-moment coefficient. The first method
is applicable to bodies with circular cross sections and angles of attack up to about 12° This
method allows for a variation of the cross-sectional diameter along the length of the body. The
second method is applicable to bodies with circular or elliptical cross sections for angles of attack
from 0 to 180° This method has been substantiated only for bodies with a constant cross-sectional
size and shape.

DATCOM METHODS

Method I

As discussed in Section 4.2.1.2, the viscous cross 110w over a body at moderate to large angles of
attack makes a substantial contribution to both lift and pitching moment. This method for
predicting body pitching moment therefore differs chiel1y from the method of Section 4.2.2.1 in
that the viscous cross forces are considered.

The method of Reference I is presented for estimating the pitching moment of a body of revolution
at angle of attack, based on the total body volume and referred to an arbitrary moment axis.

x)dx 4.2.2.2-a

where the terms in the above expression are defined in Paragraph A of either Section 4.2 1.2 or
Section 4.2.2.1.

The pitching-moment coefficients of several bodies of revolution. calculated by the Datcom
method, have been compared with test data in Reference I. The method appears to give the best
results at the lower angles of attack, but in general the method is satisfactory up to angles of attack
of approximately 12°

Method 2

This method is based on the method of Jorgensen (Reference 2) and consists of the sum of a
slender-body potential term and an empirical viscous cross-flow term. The method is applicable to
bodies of circular and elliptical cross sections for angles of attack from 0 to 180° However, it is
recommended that Method I be used for 0' <;; 12° Bodies with other types of cross sections and
those with variable cross sections have been investigated by this method (References 2 and 3), but
very little substantiating test data are available. A summary of available test data on bodies of
Jloncircular cross section at subsonic speeds is presented as Table 4.2.I.I-A.

The pitching-moment coefficient for bodies of revolution and bodies with elliptical cross sections,
based on· body cross-sectional reference area and diameter, is determined from the following
equations

4.2.2.2-1



For 0 .;; a .;; 900

4.2.2.2-b

= _ (.~) (VB - Sb Xm
) sin 2a' cos a'

eN . Sd 2
clr 58

where

4.2.2.2-c

S

d

a'

4.2.2.2-2

is the ratio of the normal-force coefficient for the body of noncircular cross
section to that Jor the equivalent body of circular cross section (same
cross-sectional area) as determined by slender-body theory. For circular cross
sections this ratio is one. For elliptical cross sections this ratio is given by
Equation 4.2.1.2-d.

is the total body volume.

is the body base area.

is the body length.

is the distance from the nose to the moment reference center of the body.

is the cross-sectional reference area of the body (can be arbitrarily selected).

is the body diameter (or the diameter of an equivalent body of revolution for
an elliptic cross section).

is an incidence angle defined as a' =a for 0';; a .;; 90? and a' =1800
- a for

900 .;; a .;; 1800

is the ratio of the normal-force coefficient for the body of noncircular cross
section to that for the equivalent body of circular cross section (same
cross-sectional area) as determined by Newtonian impact theory. For circular
cross sections this ratio is one. For elliptical cross sections this ratio is given by
Equations 4.2.1.2-e and 4.2.1.2-f



1) is the cross-now drag proportionality factor, obtained from Figure 4.2 1.2-35a,
as a function of body fineness ratio.

is the cross-now drag coefficient of the cylindrical section, obtained from
Figure 4.2.1.2-35b, as a function of cross-now Mach number M" where
M, ; M sin <>.

is the body planform area. In applying the method to bodies with elliptical
cross section, the term S in Equations 4.2.2.2-b and 4.2.2.2-c is based on an
equivalent body of revolu~ion with the same cross-sectional area.

is the distance from the nose to the centroid of the body planform area.

This method is applied to bodies of noncircular cross sections in the same manner as Method 3 of
Section 4.2.1.2, Paragraph A. Refer to this paragraph for a more detailed explanation of bodies with
elliptical cross sections. Bodies with other cross sections are discussed in Reference 3.

It is noted in Reference 2 that the cross-now drag coefficient may be reduced dramatically under
the simultaneous conditions of M, ,;;; 0.4 and R, sin <> > 105 (R, is Reynolds number based on
diameter). These conditions have only recently been analyzed in detail and have not been included
in the Datcom method because of considerable uncertainty in the magnitude and trend of the
effects. For more detailed information regarding these effects, the user should refer to Reference 2.

Calculated results using this method have been compared with test data from Reference 6 in
Table 4.2.2.2-A. The method shows fairly good agreement at angles of attack up to 200 , but
significantly underestimates the data at higher angles of attack. Caution should be exercised when
using this method at subsonic Mach numbers because of the shortage of substantiating test data. It
is recommended that Method I be used for 0';;; <>,;;; 12°

Sample Problems

I. Method I

Given: The 3/4-power body of revolution of Reference 10. This is the same configuration as that
in Paragraph A of Section 4.2.2.1.

r ;
[ (

2 )2] 3/40.255 I ~ I __x_
6.375

d;0.510ft

M ; 0.40

Compute:

9.87 VB ; 0.687 cu ft

o to 180

x
m

; 3.54 ft

Xo ; 4.558 ft

4.2.2.2-3



(Xm - x) dx = 1.293 per rad I (Sample Problem 2,Paragraph A,

Section 4.2.2.1)

'I = 0.685 (Figure 4.2.1.2 -35a)

Cd = f(M e); Me = M sin 01
e

Me varies from 0 to 0.40 sin 180 ; 0';;; Me';;; 0.1236

Cd = 1.20 (constant)
e

l B

Evaluate 1 r (Xm - x) dx

'0

(Figure 4.2.1.2-35b)

Solution:

Station r* ~x x* (Xm - x) r(Xm - x) ~x

(ft) (ft) (ft) (ft) ft (ft3)

Xo = 4.56

0.2037 0.476 4.79 -1.25 -0.121

lB = 5.036

~1.J r(xm - x) ~x = -0.121 cu ft

'0

1
xo

dSx
201 dx (xm - x) dx

o

l B

f
(Equation 4.2.2.2-a)

l B

= 1.29301 + 0~7 (0.685) (1.20) 1 r(Xm - x)dx
Xo

= 1.29301 - 0.290a2

-x and r are taken 8t the center of volume of the body segment.
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a a a 2 Cm
(deg) (rad) (rad 2 ) (Eq.4.2.2.2-a)

0 0 0 0, 0.0349 0.00122 0.0448~

4 0.0698 0.00487 0.0888
6 0.1047 0.01096 0.13 22
8 0.1396 0.01947 0.1749

10 0.1745 0.03045 0.2168
12 0.2094 0.04385 0.2580
14 0.2443 0.05968 0.2986
16 0.2792 0.07795 0.3384
18 0.3141 0.09866 0.3775

The calculated results are compared with test values from Reference 15 inSketch (a) .

.6..,.---------,----.------,---,---.----,----,
o Test values

__ Calculated

A-j----+---+---+---+--+--+--+---0---i-----!

(·v
~~

.2 -j----+---+---\---(.):r;7......9---+--+--i---i-----!
.y/

./

4

y
0..,

o 8 12 16 20

ANGLE OF ATTACK, a (deg)

SKETCH (a)
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Method 2

Ciivcn: The elliptical cross-section body with tangent ogive nose of Reference 6. This is the same
configuration as given in the sample problem for Method 3 of Paragraph A of
Section 4.2.1.2.

Body Characteristics:

VE = 1944.64 cm 3

£B = 66.0 em

d = 6.6 em

S = 34.206 cm 2

x, = 36.08 em

Xm = 39.58 cm Sp = 392.466 cm2

(C~:JB = 2.0

(c~:JNT = 1.752

Additional Characteristics:

Sample Problem 3, Paragraph A, Section 4.2.1.2

oi = '" = 500

¢ = 0

Compute:

M = 0.6 R, = 6.5 x 105 (based on diameter)

Slender-body Potential Term

1) = 0.685 }
Sample Problem 3, Paragraph A, Section 4.2.1.2

cd 1.32,

= (20) [1944.64 - 34.206(66.0 - 39.58)]
. (34.206)(6.6) (0.9848)(0.9063) =

4.2.2.2-6
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Viscous Cross-Flow Term

(
392.466) (39.58 3608)

~ (1752)(0.685)(1.32) (0.5868) ~
34.206 6.6

5.66

Solution:

C
m

slender-body potential term + viscous cross-flow term

= 8.23 + 5.66

13.89 (based on Sd)

Additional values have been tabulated below:

0

M (degl C
m

0.6 10 3.41

0.6 20 6.87

0.6 30 9.94

0.6 40 12.34

0.6 50 13.89

0.6 60 14.51

4.2.2.2-7

605020 30 40

ANGLE OF ATTACK, II (deg)

SKETCH (b)

10

0 Test points C·

-- Calculated

(.)

~--r ~~.

---v--t)'"

o
o

20

10

The calculated results of the sample problem are compared to test values from Reference 6 in
Sketch (b).
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B. fRANSONIC

Transonic flow, which consists by definition of a combination of locally subsonic and supersonic flow
regions, is particularly difficult for either theoretical or empirical analysis. The two types of flow interact
directly on their mutual boundaries and indirectly through the boundary layer. The resulting flow pattern is
highly sensitive to seemingly small changes in geometry. Prediction of transonic body lift is at best an
approximation; prediction of transonic body lift distribution is considerably more difficult.

DATCOM METHOD

Because of the difficulty of predicting transonic-flow phenomena to the accuracy required for lift
distribution, no Datcom method is given for predicting body pitching moment at transonic speeds. It is
suggested that the transonic region be faired smoothly from the subsonic region to the supersonic region.

C. SUPERSONIC

Several theoretical methods have been developed that can be used to estimate the moment characteristics of
bodies of revolution at supersonic speeds. Some of these methods are discussed in Paragraph C of
Section 4.2.1.2.

Three methods are presented for estimating body pitching moment at supersonic speeds. The first method
is based on the method of Allen and Perkins (Reference 7) and includes a modification by Jorgensen
(Reference 8) to accommodate bodies with elliptical cross sections. The second approach uses hypersonic
similarity concepts that have been adapted to supersonic speeds (Reference 9). These two methods are
discussed in Paragraph C of Section 4.2.1.2. The third method is an improvement on Method I developed
by Jorgensen in Reference 2. This method extends the capability for calculating pitching moments to 1800 .

The method is identical to that presented as Method 2 in Paragraph A of this section.

DATCOM METHODS

Method I

The method presented for predicting the pitching moment of a body of revolution at angle of attack is that
of Allen and Perkins, in Reference 7. The method for estimating the pitching moment of bodies of elliptical
cross section is that ofReference 7 as modified by Jorgensen inReference 8.

The pitching-moment coefficient of a body of revolution, based on body base area and body
length Sb1B and referred to an arbitrary moment center, is

4.2.2.2-d

where Xc is the axial distance from the vertex of the nose to the centroid of the planform area, and the
remaining terms are defined in Paragraph C of either Section 4.2.1.2 or Section 4.2.2.1.

4.2.2.2-8



The supersonic pitching-moment coefficient at angle of allack of a body having an elliptical cross section,
based on body base area and body length SblO and referred to an arbitrary moment center, is

(C) = [~ oos2", +~ sin2",] C
\ m alb bam 4.2.2.2-e

where Cm is the pitching-moment coefficient of a body of revolution having the same cross-sectional area
distribution along its axis as the elliptical-cross-section body of interest. It is given by Equation 4.2.2.2-<1.
The parameters a, b, and '" are defined in Paragraph C of Section 4.2.1.2. •

The Datcom method has been used to calculate the variation of pitching-moment coefficient with angle of
allack for the bodies of elliptic cross section ofReference 8 and for the bodies of revolution ofReferences 7,
8, and 10 through I 3, Although the nose shapes of most of the configurations analyzed were tangent ogives, a
few bodies of revolution had conical or hemispherical noses. All the afterbodies were straight (no boatlail
or flare). In general, the calculated results agree well with the test data. The comparison of calculated and
test values for the sample problems at the conclusion of this paragraph is indicative of the degree of
accuracy of this method.

Method 2

This method uses hypersonic-similarity parameters that have been adapted to supersonic speeds by the
method of Reference 9. This method is based on experimental data for a wide range of models for Mach
numbers between 1.57 and 2.87. The variation of pitching-moment coefficient with angle of allack for
pointed or nearly pointed bodies of revolution is estimated by using Figure 4.2.2.2-26 where IJ = yM2 - I.
The body pitching moment obtsined from this chart is referred to the nose apex and is based on the
product of body frontal area and the body length So Qo'

A comparison of test data with the pitching-moment coefficient calculated by this method is presented as
Table 4.2.2.2-8.

Method 3

This method is the same as Method 2 presented in Paragraph A of this section. The only exception is that
the term 1) in Equations 4.2.2.2-b and 4.2.2.2-c is set equal to 1.0 for M ;;. 1.0.

fhe method is applicable to angles of allack from 0 to 1800 and Mach numbers up to 7. The method is
substantiated by test data from References 4,5, and 6 in Table 4.2.2.2-C.

The method shows reasonable agreement with most test data, but Methods I and 2 are recommended in the
low-angle-of-attack range.

With the exception of bodies with elliptical cross sections, there are no Datcom methods for predicting the
pitching moment o.n bodies of noncircular cross section at supersonic speeds. A summary of available test
data on bodies of noncircular cross section at supersonic speeds is presented as Table 4.2.1.1-C. In

4.2,2.2-9



Reference 8 (Reference 37 of Table 4.2.1.1-<:) the effect of cross-sectional shape on body aerodynamics has
been assessed for bodies with circular, elliptic, square. and triangular cross sections. These data show that at
certain angles of bank. noncircular bodies develop considerably more pitching moment than their
equivalent bodies of revolution at a given angle of attack. The data of Reference 8 also show that the ratio
of pitching-moment coefficient for a body with elliptic cross section to that for an equivalent body of
revolution is practically constant with change in both angle of attack and Mach number. However, no such
simple correlation is available for other bodies of noncircular cross section. Method 3 has been applied to
other bodies with noncircular and axially varying cross sections by Jorgensen in References 2 and 3. The
lack of sufficient substantiating data has precluded inclusion of this application in the Datcom.

Sample Problems

I. Method I

Given: An ogive-cylinder body ofReference 8. This is the same configuration as that ofSample Problem I
of Paragraph C of Section 4.2.1.2.

Body Characteristics:

d = 1.40 in. 10 = 14.0 in. IN = 4.20 in. IA = 9.80 in.

V0 = 18.56 cu in. Sb :' 1.539 sq in. S = 17.66 sq in.p

Xc = 7.69 in. xm Ito = 1.0 (moments referred to body base)

Additional Characteristics:

M = 1.98

Compute:

Cd = f (Me) = f (M sina)
c

80

1.208

(sample Problem I, Paragraph C,

Section 4.2.1.2)

rVo (I X
m
)] = [ 18.56 _ (I _ 10)1 = 0.8614LSblH - - "4 (1.539) (14.0) . J

5.170 cd
c

4.2.2.2-10



Solution:

= 20'(0.8614) + 5.170c
d

0'2
C

= 1.7230:' + 5.170 Cd a 2
C

(
X - X)

m to C 0'2 (Equation 4.2.2.2-d)

Cm

ct 0' 0'2 5.170c
d

0'2
Eq.4.2.2.2-d

(deg) (rad) (rad2) Cd
I. 7230' (based on Sb10)

C C

4 0.0698 0.00487 1.20 0.1203 0.0302 0.151

8 0.1396 0.01950 1.208 0.2405 0.1218 0.362

12 0.2094 0.04386 1.275 0.3608 0.2891 0.650

16 0.2793 0.07798 1.41 0.4812 0.5685 1.050

20 0.3491 0.12185 1.62 0.6015 1.0205 1.622

2. Method I

Given: A body of Reference 8 having an elliptical cross section and the same axial distribution of
cross-sectional area as the body of revolution of Sample Problem 1.

Body Characteristics:

a = 1.98 in. b = 0.99 in. alb = 2.0 '/J = 0

Xm /10 = \.0 (moments referred to body base)

Additional Characteristics:

M = 1.98

Compute:

Cm VS 0' for a body of revolution having the same cross sectional area distribution and with the
moment axis located at the base of the body. (from Sample Problem 1)

4.2.2.2-11



Solution:

(Equation 4.2.2.2-e)

= [(2.0) (1.0) + OJ Cm = 2.0 Cm

(C
m

)

Cm
alb

ex Eq.4.2.2.2-e
(deg) Sample Problem I (based on SJo)

4 0.151 0.302
8 0.362 0.724

12 0.650 1.300
16 1.050 2.100
20 1.622 3.244

The calculated results of Sample Problems I and 2 are compared with test values from Reference 8 in Sketch
(c)

24208 12 16
ANGLE OF ATTACK,a (deg)

SKETCH (c)

4

0 Test points
0

-- Calculated

I 1
Sample problems I and 2

/
VG>

.I

V
V I::Y

..,./ /'
ELLIPTIC CROSS V

/
~

STCfIO~\ /
CIRCULAR b)V ~

~
CROSS SECfION

I·~

V \ Lt:Y-
l.-::::::: -~..

..

3

4

2

o
o
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3. Method 2

Given: The ogive-cylinder body of Sample Problem I.

Body Characteristics:

d = 1.40 in. !N = 4.20 in. !A = 9.80 in.

Additional Characteristics:

M = 1.98; (3 = 1.71

Compute:

(3/fN = 1.71/3.0 = 0.570

Solution:

Cm

a (3a (3Cm (based on SB!B)
(deg) (deg) Fig. 4.2.2.2- 26 (referred to nose apex)

4 6.84 -0.073 -0.043
8 13.68 -0.275 -0.161

12 20.52 -0.930 -0.544

20161284

0 Test points

-- Calculated

I I
Sample problem 3

(.)

0

V 0
h---'

o
o

The calculated results are compared with test values from Reference 8 in Sketch (d). (The test results have
been transferred to a moment axis at the nose apex).

2

ANGLE OF ATTACK,a (deg)

SKETCH (d)
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4. Method 3

Refer to Sample Problem 2 in Paragraph A of this section for an example of the application of the method.

D. HYPERSONIC

Three methods are available for estimating the pitching moment of bodies of revolution at hypersonic
speeds. The first method, based on Newtonian impact theory and its modifications, is discussed in
Paragraph D of Section 4.2.1.1. The second method is the hypersonic-similarity method. The third method
is the method of Jorgensen previously presented as Method 3 of Paragraph C of this section.

DATCOM METHODS

Method 1

The expression for the pitching moment of an arbitrary body of revolution, from the modified Newtonian
theory of Referencel4, referred to an arbitrary moment center and based on the product of the body base
area and body length SJB, is

= ~ 1B;1
'lI' R

o
4.2.2.z.f

where 1x is the distance from the moment center to a transverse element, positive where the element is
forward of the moment center. The remaining parameters are defined under Method 2 in Paragraph D of
Section 4.2.1.2.

The following steps outline the calculation procedure (Steps I through 3 are identical toSteps I through 3
of Method 2 of Paragraph D of Section 4.2.1.2):

Step I. From the equation of the body of revolution obtain the expression for the surface slope
using the relation

(J = tan-I (:)

where (J, dr, and dx are defined in Sketch (0 of Section 4.2.1.2.

Step 2. Compute the values of rlR and (J at various longitudinanal stations xllB.

Step 3. For various xl1B enter Figure 4.2.1.2-43 with the corresponding (J from Step 2 and
obtain K. at the desired angie of attack.

r 1x
Step 4. Plot the product K. R~ against x/l.B.

Step 5. Obtain the required value of Cm by integrating the area under the curve described inStep 4
KlB

and multiplying by - -.
'lI' R

4.2.2.2-14



Method 2

The second method of estimating body pitching moments applies only to ogive-cylinder bodies. This
method is based on experimental data for a wide range of models at a Mach number of 4.24. These data
have been used to derive a hypersonic design chart (Figure 4.2.2.2-27) based on hypersonic-similarity
parameters. The body pitching moment obtained from Figure 4.2.2.2-27, where f3 = v'M2 I. is referred
to the nose apex and is based on the product of the body frontal area and body length SB QB.

Pitching moments calculated by this method are compared with test data in Table 4.2.2.2-D.

Method 3

This method is identical to Method 3 presented in Paragraph C of this section. The method is applicable to
angles of attack from a to 1800 and Mach numbers up to 7. The method has been partially substantiated
by the test data from Reference 5 in Table 4.2.2.2-C.

The method shows reasonable agreement with test data at hypersonic speeds in the low-angle-Df-attack
range. Because of the scarcity of substantiating test data, caution should be used when applying the method
at higher angles of attack (a> 25°).

Sample Problems

I. Method I

Given: A second-power body of revolution of fineness ratio 1.0. This is the same configuration as Sample
Problem 2 of Paragraph D of Section 4.2.1.2.

x =(~) r2 (equation of body) 1. B = 2.0 ft R = 1.0 ft
1.B

1."./1.B = 0.50 (x/1.B) (moment center at 0.501.B)

Moo = 3.55 a =6° -y = 1.40

K = 1.77 (Sample Problem 2, Paragraph D, Section 4.2.1.2)

Compute:

Calculate r/R and 8 at various longitudinal stations x/~ and plot. (See Sketch (g), Sample Problem
2, Paragraph D, Section 4.2.1.2.)

Obtain values of K. from Figure 4.2.1.2-43 for various values of 8 at a = 60.

Plot the product K. versus x/~ ( Sketch (e».
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SKETCH (e)

.7 .8 .9 1.0

Integrate the area under the curve of Sketch (e).

I

f K. ~ (0.50-
1
:) d (;B) = - 0.00615

o

Solution:

I

= !.lBf
" R o

r Ix
K --

• R 1B

(Equation 4.2.2.2-0

1.77 2
= - - (-0.00615)

" I

= - 0.0069 (referred to a moment center at 0.501B and based on Sblu)

2. Method 2

Given: An ogive-cylinder body of Reference 16.

f-1w--j-'----.lA---~·I_i1<--:--------..;\ d

T
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Body Characteristics:

d = 1.0 ft

Additional Characteristics:

M = 4.24; {3 = 4.12

Compute:

{3/fN = 4.12/2.50 = 1.648

Solution:

Cm
01 {301 {3Cm (based on SBIB)

(deg) (deg) Fig. 4.2.2.2-27 (referred to nose apex)

2 8.24 -0.15 -0.0364

4 16.48 -0.38 -0.0922

6 24.72 -0.79 (extrapolated) -0.1917

8 32.96 -1.29 (extrapolated) -0.3131
-

82 4 6
ANGLE OF ArrACK,OI (deg)

/

o Test values
I/~-- Calculated

/
/ )

/
17

V
V y

-----o
o

-.1

-.2
SKETCH(f)

The calculated results are compared with test values from Feference IS in Sketch (f).

-.3
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3. Method 3

Refer to Sample Problem 2 in Paragraph A of this section for an example of the application of the
method.
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TABLE 4.2.2.2·A

SUBsor"IC PITCHING-MOMENT COEFFICIENT

METHOD 2

DATA SUMMARY AND SUBSTANTIATION

R,

'6 Nose •(based
Ref M on dOQUI'I' ./b -d-- Shape (deg) C C 6CeQui'l m ca1c mtest m

6 0.6 6.5)( 105 1.0 10 Ogive 10 1.7 1.2 0.5

I
20 3A 2.8 0.6

30 5.2 4.9 0.3

40 6A 8.2 ~1.8

50 7.3 10.9 -3.6

60 7.8 9.7 -1.9

0.9 10 1.7 1.3 OA

1

20 3.5 3.2 0.3

30 5.3 7.0 -1.7

40 6.8 12.5 I -5.7

50 8.1 15.7

I
-7.6

60 8.8 14.4 -5.6

0.6 2.0 10 3.4 2.6 I 0.8,

j j
20 6.9 6.3 i 0.6

I
30 9.9 14.5 i -4.6

40 12.3 23.1 I ~11.0

50 13.9 29.1 -15.3 i,
II

60 14.5 29.8 ! -15.2

I !
0.9 1.0 10 3.5 2.7 0.8

j
20 6.7 8.3 I -1.6

30 10.0 16.7 i -6.7

40 12.9 24.8 -11.9

50 15.2 29.5 -14.3

60 16.5 29.0 -12.5

0.6 0.5 '0 0.9 OA 0.5

j
20 1.8 1.3 0.5

30 2.5 1.7 0.8

40 3.2 2.5 0.7

50 3.6 3.5 0.1

60 3.9 3.3 0.6

0.9 10 1.0 0.5 0.5

1
20 1.7 1.5 0.2

30 2.6 2.6 0

40 3.5 5.0 -1.5

50 4.1 7.5 -3.4

Average Error =0 L 16~ml =3.8
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TABLE 4.2.2.2·B

SUPERSONIC PITCHING·MOMENT COEFFICIENT OF
OGIVE-eYLINDER BODIES

METHOD 2

DATA SUMMARY AND SUBSTANTIATION

• I
a Cm Cm Percent

Ref. M
fN fA (dogl Calc. Test Error

10 1.57 1.12 12.90 4 -.037 -.046 -19.6

I 8 -.149 -.116 28.4
1.86 4 -.035 -.045 -22.2

I 8 -.204 -.134 52.2
2.49 4 -.035 -.032 9.4

I 8 -.263 -.246 6.9
2.87 4 -.043 -.0375 14.7

I 8 -.264 -.229 15.3
1.57 1.50 8.50 4 -.037 -.0311 19.0

I 8 -.110 -.0782 40.7
1.86 4 -.030 -.0385 -22.1

I 8 -.140 -.105 33.3
2.49 4 -.030 -.0225 33.3

I 8 -.230 -.193 19.2
2.87 4 -.040 -.055 -27.3

I 8 -.250 -.248 0.8
1.57 2.50 11.50 4 -.040 -.047 -14.9

I 8 -.130 -.126 3.2
1.86 4 -.045 -.047 - 4.3

I 8 -.170 -.143 18.9
2.49 4 -.050 -.032 56.3

I 8 -270 -.230 17.4
2.87 4 -.050 -.039 28.2

I 8 -.310 -.290 6.9

1.57 3.00 15.00 4 -.048 -.063 -23.7

I

I
8 -.145 -.147 - 1.4

2.49 4 -.054 -.0513 5.3

I 8 -.325 -.276 17.8

2.87 4 -.059 -.0647 - 8.8

I 8 -.435 -.375 16.0

1.57 4.00 10.00 4 -.045 -.054 -16.6

I 8 -.136 -.140 - 2.9
1.86 4 -.045 -.0555 -18.9

I 8 -.166 -.150 10.7

2.49 4 -.050 -.0496 0.8

I 8 -.259 -.250 3.6

2.87 4 -.056 -.051 9.8
j 8 -.379 -.277 36.8

1.57 1.12 16.90 4 -.037 -.0517 -28.4

I

I
8 -.190 -.183 3.8

2.49 4 -.050 -.0592 -15.5

I 8 -.340 -.277 22.7

2.87 4 -.045 -.0554 -18.8

I 8 -.349 -.362 - 3.6

1: 1.1

IAY8I'IIglt Error - -n- - 17.7%
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TABLE 4.2.2.2·C

SUPERSONIC PITCHING-MOMENT COEFFICIENT

METHOD 3

DATI, SUMMARY AND SUBSTANTIATION

I I
I !i I

's Nose 0 i

I -d-- Shape (degl C C

~eqUiv m calc m
test

I 6 Blunt 35 2.7 1.8
I

0.9

~ t 65 1.9 1.8 0.1

95 -0.4 -0.6 0.2

8 Cone 35 -0.9

I
-2.0 ! 1.1

I
1

65 -5.2 ~4.0 I -1.2

95 -7.4
,

-7.0 -0.4"
125 -6.6 I -8.3 1.7

155 -2.4
!I -4.0 i 1.6

9 35 -0.9 'I -2.0 1.1
!

1
65 -7.0 -4.0 -3.0

95 -10,4 -9.6 i -0.8,
125 -9.5 -12.0 2.5

I
155 -3.7 -6.2 2.5

11 35 -0.9 -1.5 0.6,

1
65 -8.8 -5.0 -3.8

1
I' 95 -13.4 -14.0 0.6
I '125 -12.5

I
-16.0 3.5

165 -2.5 -5.0 2.5

9 Ogive 35 0.6 I 0.5 0.1 !
!

1
65 -4.1 -1.8 -2.3

"95 -7.5 I -7.8 I, 0.3
I

I 125 -7.9 -10.5 2.6 ,
155 -3.6 -5.5 1.9 I

7 35 -1.2 -2.0

I
0.8 I

1
65 -5.4 -4.0 -1.4 I
95 -7.3 -7.0 I -0.3

125 -6.3 -7.8

I
1.5

155 -2.2 -4.1 1.9

I

,

11 35 -1.4 -1.0 I, -0.4, II

1
65 -9.5 -5.0 -4.5 I95 -14.0 -15.0 1.0

I
125 -12.7 -16.7 4.0

155 -4.8 -8.7 3.9

6 Blunt 35 2.7 0.2 2.5

~ j
65 1.9 0.1 1.8

95 -0.4 -0.3 ! -0.1 I

8 35 3.6 0.7 2.9
,

t 65 2.6 0.6 I 2.0 I
85 0.5 0.4 0.1 II

,
I, '

sed I

~
l( 105

;1 1.0

I
R

Ib,
Ref M

I
on d,

4 1.5 1.25

,

I
I,I

i II

I

I
I

I
I

I
I

I
2.86

j
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TABLE 4.2.2.2·C (CONTO)

R,
(based '. N",e •

Ref M on d . I alb deQuiv Shape Id09) Cm C 6C
equlv calc mtest m

4 2.86 1.25 x 10
5 1.0 7 Cone 35 -1.0 .... 1.8 0.8

1
65 -4.3 -4.5 0.2

95 -6.5 -6.2 -0.3

125 -5.7 -6.3 0.6

155 -2.6 -2,2 -0.4

9 35 -1.0 -1.8 0.8

1
65 -5.8 -6.0 0.2

95 -a2 -9.0 -0.2
•125 -8.2 -9.3 1.1

, 155 -3.9 -3.6 -0.3

11 35 -1.0 -1.8 0.8

1
65 -7.3 -7.5 0.2

95 -11.9 -11.7 -0.2

125 -10.8 -12.3 1.5

155 -5.2 -5.0 -0.2

9 Ogive 35 0.5 -0.9 1.4

1
65 -3.2 -3.9 0.7

95 -6.7 -6.6 -0.1

125 -6.9 -7.4 0.5

155 -3.7 -2.8 -0.9

7 35 -1.3 -1.4 0.1

1
65 -4.5 -4.7 0.2

95 -6.5 -6.5 0

125 -S.4 -6.3 0.9

155 -2.3 -2.5 0.2

9 35 -1.4 -1.9 0.5

1
65 -6.2 -6.4 0.2

95 -9.4 -9.9 0.5

125 ~8.1 -9.0 0.9

155 -3.7 -3.5 -0.2

11 35 -1.5 -2,4 0.9

J

65 -7.9 -8.0 0.1

95 -12.3 -13.6 1.3

125 -10.9 -12.6 1.7

155 -5.1 -4.7 -0.4

5 4.24 5.4 x 105 1.0 7 Cone 4 -0.4 -0.8 OA

1 1 1 1 1 1
8 -1.4 -1.8 OA

12 -3.0 -3.2 0.2

16 -4.8 -4.8 0

20 -6.5 -6.1 -0.4
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TABLE 4.2.2.2-C (CONTO)

",
(based '8 Nose u

Rl!! M on d l ,Jb -d-- Shape (deg) C C LCeQulll eQUIII m m mcalc test

S 4.24 5.4 x lOS 1.0 7 Cone 24 --8.5 -7.9 0.6

5.04 2.6 x 105 10 4 -0.8 1.0 0.2

8 -2.8 ~3.1 0.3

12 -6.0 -4.5 -1.5

16 -9.0 ~7.3 '--1.7

20 ~12.4 -9.6 --2.8

24 -16.5 -12.9 -3.6

Ogive 4 -0.5 -0.7 0.2

~
8 ~1.6 -1.7 0.1

12 -3.1 -28 -0.3

16 -4.6 -4.1 -0.5

6.28 1.1 x 105
Cone 4 -0.4 -0.6 0.2

j j j
8 -1.5 -1.6 0.1

12 -2.8 -2.7 -0.1

16 -4.3 -4.3 0

20 -6.0 -6.2 0.2

24 -8.0 -8.5 0.5

6 1.2 3.8 x 105 Ogive 10 1.7 1.6 0.1

j
20 3.7 4.2 -0.5

30 6.1 8.2 -2.1

40 8.6 10.1 -1.5

50 10.5 12.0 -1.5

60 11.5 14.1 -2.6

1.6 10 1.6 1.8 -0.2

j
20 3.9 5.8 -1.9

30 6.3 7.0 -0.7

40 8.8 8.3 0.5

50 10.2 8.9 1.3

60 10.8 10.8 0

2.0 10 1.8 2.0 -0.2

j
20 4.0 4.1 -0.1

30 6.5 5.9 0.6

40 8.3 7.1 1.2

50 9.5 8.2 1.3

60 10.1 9.5 0.6

1.2 2.0 10 3.5 3.4 0.1

1 1
20 7.4 8.3 -0.9

30 11.6 14.1 -2.5

40 16.1 17.5 -1.4

50 19.5 21.6 -2.1
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TABLE 4.2.2.2-C (CONTO)

A,
(based 'S Nose •

Ref M on deqUlv) ./b -d-- Shape Id09I e e oeequiv m

"'''
m test m

6 1.2 3.8 x 105 2.0 10 Ogive 60 21.2 23.5 -2.3

1.5 10 3.5 3.5 0

j
20 7.6 8.3 -0.7

30 12.2 11.4 0.8

40 16.4 14.5 1.9

50 18.9 16.1 2.8

60 19.8 17.5 2.3

2.0 10 3.5 3.2 0.3

I
20 7.6 7.1 0.5

30 12.5 10.3 2.2

40 15.6 11.8 3.8

50 17.6 13.1 4.5

60 18.6 15.4 3.2

1.2 0.5 10 0.9 0.9 0

j
20 2.0 2.1 ~0.1

30 3.0 4.0 -1.0

40 4.4 4.5 -0.1

50 5.2 6.5 -1.3

60 5.8 8.4 -2.6

1.5 10 1.0 1.1 -0.1

20 1.9 2.3 -0.4

30 3.1 3.7 ~0.6

40 4.4 4.4 0

50 5.1 5.1 0

60 5.4 5.4 0

10 0.8 1.1 -0.3

20 2.0 2.2 -0.2

30 3.2 3.2 0

40 4.1 4.0 0.1

50 4.8 4.8 0

60 5.1 4.9 0.2

~
loe I

Awrage Error = m
-0- =1.0

4.2.2.2-24



TABLE 4.2.2.2-0

HYPERSONIC PITCHING·MOMENT COEFFICIENT OF
OGIVE·CYLINoER BODIES

METH002
DATA SUMMARY AND SUBSTANTIATION

I • !I> Cm Cm Percent I

Ref. M 'N 'A (dog) Calc. Test Error

10 4.24 1.12 8.88 2 -.024 -.021 14.3

I j
4 -.063 -.060 5.0
6 -.129 -.130 - 0.8
8 -.216 -.222 - 2.1

1.12 12.90 2 -.027 -.026 3.8

I I
4 -.073 -.011 2.8

I6 -.155 -.146 6.2
8 -.250 -.255 - 2.0

,

1.50 8.50 2 -.029 -.021 7,4

j I
4 -.070 -.066 6.1
6 -.146 -.154 - 5.2
8 -.245 -.239 2.5

2.50 11.50 2 -.036 -.034 5.9

I j
4 -.092 -.092 0
6 -.194 -.175 10.9
8 -.313 -.296 5.7

3.00 15.00 2 -.041 -.035 17.1

j I
4 -.106 -.102 3.9
6 -.215 -.222 - 3.2
8 -.332 -.369 -10.0

I3.50 6.50 2 -.034 -.037 -10.8

I j
4 -.091 -.087 4.6
6 -.181 -.165 9.7
8 -.291 -.267

I
9.0

4.00 10.00 2 -.039 -.037 5.4

j I
4 -.102 -.100 I 2.0
6 -.201 -.195 I 3.1

I 8 -.335 -.316 I 6.0 I
5.00 5.00 2 -039 -.041 - 4.9 I

I l
4 -.096 -.098 - 2.0
6 -.187 -.164 14.0 I
8 -.311 -.271 14.8

1.12 16.90 2 -.032 -.036 -1,. I ,

j j
4 -.092 -.093 - I. I !
6 -.189 -.170 11.2
8 -.299 -.262 14.1

1.50 16.50 2 -.035 -.039 -10.3 I
I

I I
4 -.097 -.101 -- 4.0

I
6 -.201 -.170 18.2 I

8 -.316 -·.311 1.6
I,
I

2: 1.1
Average Error = -n- 6.8%
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4.2.3 BODY DRAG

4.2.3.1 BODY ZERO· LIFT DRAC

The composition of body zero-11ft drag in the various speed regimes is very similar to that for wings (see
Section 4.1.5.1 ). At subsonic speeds the pressure drag of the forebody is generally small and the total drag
is composed mostly of skin friction and base drag. For the higher speed regimes the total drag is split signif
icantly between friction and pressure drag.

The methods presented in this section are valid for bodies of revolution. However, excellent approximations
can be made for non-body-of-revolution configurations by treating the equivalent body of revolution; that
is, the body of revolution that has the same axial area distribution as the actual body.

A. SUBSONIC

At subsonic speeds the total zero-lift drag of smooth slender bodies is primarily skin friction. The Reynolds
number based on body length, boundary-layer condition (laminar or turbulent), and surface roughness are
important in the determination of the friction drag (see chapter VI of reference 1). For the Datcom these
effects are handled the same as for wings (Section 4.1.5.1). A turbulent boundary-layer condition is assumed
over the entire body surface.

The pressure drag of a closed body is zero for an inviscid fluid. Actually the displacement of the boundary
layer causes an incomplete pressure recovery at the end of the body and a finite pressure drag results. This
drag is small for fineness ratios above approximately four but becomes significant for blunt bodies.

The base drag is also generally small, usually less than 10 percent of the total body drag. The most popular
approach to the estimation of base drag is to correlate it with the skin-friction drag of the remainder of the
body. This approach is discussed in detail in reference 2 and in chapter VI of reference I. Reference 3 shows
that the presence of a wing increases the base pressure (less drag). Tail fins and'wind-tunnel stings have the
same effect (reference 4). Base pressures are also increased at low Reynolds numbers (reference 5).

DATCOM METHOD

The subsonic zero-lift drag of an isolated body based on the maximum body frontal area is given in reference
6 as

fQ8\] Ss
+ 0.0025 ~-l -' + CD

d S8 b
4.2.3.I-a

where the first term on the right-hand side of the equation is the zero-lift drag of the body exclusive of the
base drag, and

is the turbulent flat-plate skin-friction coefficient, including roughness effects, as a function
of Mach number and the Reynolds number based on the reference length Q. This value is
obtained from figure 4.1.5.1-26 and is determined as discussed in paragraph A of Section
4.1.5.1. The reference length Q is the acluallength of the body QB'

is the body fineness ratio defined for different types of bodies of revolution as follows:

4.2.3.1-1



1< II
l....-- ~B---l

CLOSED BODY

d cquiv ==
0.7854

BODY HAVING A BLUNT BASE FOREBODY

CD is the base-drag coefficient, based on the maximum body frontal area, given in reference I as
b

4.2.3.I-b

where

is the ratio of base diameter to maximum diameter (equivalent diameters for
non-body-of-revolution configurations).

is the zero-lift drag of the body exclusive of the base as determined by the first
term in equation 4.2.3.I-a.

It should be noted that wings or fins (or wind-tunnel stings) can have a sizable effect on base
drag.

SB is the body maximum frontal area.

S5 is the wetted area orsurface area of the body excluding the base area. This is normally deter-
~

mined by graphical integration of1B P dx, where p is the cross-section perimeter.

o
The ratio SS ISB for a given body can be approximated by using figures 2.3-2 and 2.3-3, which give this
ratio for a number of specific body shapes.

~B
The term 0.0025 in equation 4.2.3.I-a represents the pressure-drag contribution.

d

Sample Problem

Given: The body of reference 54 having an elliptical cross section with a cutoff afterbody.

~B = 61.45 in. amax = 5.19 in.

M = 0.8 R~ = 0.325 x 106 per in.

BODY CROSS SECTION

alb = 3

4.2.3.1-2

Polished metal surface; assume k = 0.08 x 10.3 in.



Compute:

So = 1Iab = 11(5.19)(1.73) = 28.2 sq in.

rs;;-./i82
d,qui' = VD:78s4 =VD:78s4 = 6.0 in.

61.45
= -- = 10.24

6.0

= 31.6 (extrapolated from figure 2.3·2, ellipsoid with cutoff afterbody)

R2 = (0.325 x 106 )(20 ) = (0.325 X 106 ) (61.45) = 1.997 x 10'

2/k = 61.45/(0.08 x 10.3) = 7.68 x 105 ; cutoff R2 = 6.8 x 10' (figure 4.1.5.1-27)

Since cutoff R2 > calculated R2• read Cr at calculated R2'

Cr = 0.00256 (figure 4.1.5.1-26)

Determine the zero-lift drag of the body exclusive of base drag.

(CD) = Cr [I + 60 + 0.0025 (20)1]55
rb (~~)3 d~~

= 0.0875 (based on So)
Sb = 0.25 So = (0.25) (28.2) = 7.05 sq in.

= 0.00256 [1 + 60 +0.0025 (10.24)] 31.6
(10.24)3

~
b

(db ),qUiv =
0.7854

db 3.0
- = - = 0.5

d 6.0

Determine the base drag

~
.05

= = 3 in0.7854 .0.

COb = 0.029 C;) / J(CDr): (equation 4.2.3.I-b)

= 0.029 (0.5)3 I .;o.aS75
~ 0.0122 (b1>ed on So)

4.2.3.1-3



Solution:

(
28)] Ss+0.0025 - -
d 58

(equation 4.2.3.I-a)

= 0.0875 + 0.0122

0.0997 (based on 58 )

This compares with a test value of 0.0920 from reference 54.

B. TRANSONIC

A fundamental discussion of the transonic aerodynami~ characteristics of bodies is given in reference 7 and
chapter XVI of reference I. An extensive bibliography on finned bodies is given in reference 8.

For the Datcom, the general approach consists of predicting ~he skin friction, the drag-divergence Mach num
ber. and the variation of base drag with Mach number, and the variation of pressure drag for Mach numbers
above 1.0. The total drag characteristic as a function of Mach number is then constructed from these estimated
characteristics. For the purpose of the Datcom the skin-friction drag is assumed to be constant and equal to
the subsonic value at M = 0.6 throughout the transonic range. .

DATCOM METHOD

The transonic zero-lift drag coefficient of a body is determined by the following procedure.

Step I. Calculate the skin-friction drag coefficient at M =0.6, based on maximum frontal area, by

where

55
C, 5

8

4.2.3.1-c

C,

S
5

S;;

is the lurbulent nat·plale skin·friction coefficient at M = 0.6, including rough
ness effects, as a function of the ReynoldS number based on the reference
lenglh 2. This value is obtained from figure 4.1.5.1-26 as discussed in paragraph
A of Section 4.1.5.1. The reference length 2 is the actuallenglh of the body
~8. This value is assumed to be constant throughout the transonic region.

is the ,atio of body welled area to maximum body frontal area, determined as
explained in paragraph A of this section.

Step 2. Calculate the subsonic pressure drag at M = 0.6 by

[ 60 (2.~ S5C • (C ) + 0.0025 - -
Dp 'M-O.6 (i./d)' d S.

4.2.3.1-4
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Step 3.

Step 4.

Step 5.

Step 6.

where the individual terms are the same as in equation 4.2.3.I·a. This component of drag is
assumed to be constant for 0< M < 1.0 and to decrease linearly to zero at M = 1.2. (See
~lo"fr"l '''I l. ~

Calculate the base-drag coefficient CD as a function of Mach number. First calculate the
b

subsonic base drag (at a Mach number' of 0.6) as outlined in paragraph A. Figure 4.2.3.1-24
is then used as a guide to determine the base-drag variation with Mach nUinoa t:lr·')ut~h the
transonic speed range. The chart is based upon the data of references 4 and 9 through 12.

The drag-divergence Mach number Mo is obtained from figure 4_2.3.1-25 as a function of
body fineness ratio (reference 13). The drag-divergence Mach number is that Mach number
at which aCo/aM = 0.10, and it defines the break in the drag coefficient versus Mach
number curve.

The wave-drag coefficient CD (for parabolic bodies of revolution) is obtained from
w

figure 4.2.3.1-26 as a function of body fineness ratio for Mach numbers between 1.0 and
1.2 (reference 13). Unfortunatcly, data on other body shapes are extremely limited, and
the construction of general charts is not possible at this time. However, for body ptofiles
not too different from parabolic, figure 4.2.3. I -26 can be used as an approximation.

The total zero-lift drag is constructed by combining the information of the above steps as
illustrated in sketch (a).

FAIRING DUE TO POSSIBLE MISMATCH
BETWEEN TRANSONIC AND SUPERSONIC
BASE DRAG ESTIMATES

CDo
BASE
DRAG

SUBSONIC
PRESSURE
DRAG

Co WAVE

0h=~~~
DRAG

SKIN
FRICTION

1.0 1.2 MACH NUMBER
Sample Problem

SKETCH (a)

4.2.3.I-e

Given: The parabolic-arc body of revolution with a cutoff afterbody (reference 54).

28 = 61.45 in. d = 6.0 in. S8 = 28_2 sq in.

R2 = 1.997 x 107 (based on 28 )
M,-O.6

Polished metal surface; assume k = 0.08 x 10-3 in.

4.2.3.1·5



Compute:

The final calculations are presented in table form on page 4.2.3.1-7. Many of the quantities listed
below appear as columns in the table.

Skin-friction drag coefficient Co
r

e/k = 61.45/(0.08 x 10'3) = 7.68 x 105 ;cutoff Re -=6.2 x 107 (figure4.I.5.1-27)
M -0.6

Since cutoff Re > given Re, read Cr at given Re·

Cr = 0.0026 (figure 4.1.5.1-26 @M = 0.6)

S5
CD = Cr- (equation 4.2.3.100)

r S.

= 0.0026 (30.5) = 0.0793

Pressure-<lrag coefficient CD
p

(equation 4.2.3.1-<1)

= 0.0026 [ 60 + 0.0025 (10.24)1 30.5
(10.24)3 ]

= 0.00642

This vaiue of CD is taken to be constant for 0 < M < 1.0, then reduced linearly to zero at
p

M =1.2 (see column 8) of calculation table, page 4.2.3.1-7).

Base-<lrag coefficient CD
b

(c ) = 0.029 (db) 3/ 'If;;) (equation 4.2.3.I-b)
Db M -0.8 d / V\-Ur}b

(e.)~ S5+ 0.0025 --- - (first term, eq. 4.2.3.I-a)
d S.

4.2.3.1-6



= (0.0026) (30.5) + 0.00642 = 0.0857

Co = (0.029)(0.5)3/ ';0.0857 = 0.0124
b

W~~ this value and by using the curves of figu~~o4'2'J3'1-24as guide lines, obtain values of

__b_ for 0.8 < M < 1.2. Then Co = __b_ (d
b

/d)2 (See cOlumnsG)and ®
(d

b
/d)2 b (d

b
/d)2

of calculation table, page 4.2.3.1-7.)

Drag-Divergence Mach number Mo

Mo = 0.982 (figure 4.2.3.1-25)

Wave-<lng coefficient CD
w

The wave-<lrag coefficient as a f(M) is obtained from figure 4.2.3.1-26) (See column (2) of calcu
lation table, page 4.2.3.1-7.)

Solution:

CD = CD +Co +CO +COo r P b w

CD Q) ® (3)

(equation 4.2.3.I-e)

® ® ®

CD CDCD b CD CD
1."/d1

2
0f b w

®,2.3.1-e
CD

1q.4.2.3.1..
M Cf 2 "sIS. p flo, 4.2.3.1-24 @1."/dI

2 fig. 4.2.3.1-26 ®+(3)+(~)+(V

0.8 0.0026 0.0793 0.llOO42 0.0496 0.0124 - 0.0901

0.9 0.00642 0.06 0.0150 - 0.1007

0.95 0.00642 O,Q76 0.01" - 0.1046

1.00 0.00642 0.116 0.0288 0.0:!96 0.1640

I.~ 0.00662 0.06B 0.0220 0.0680 0.1649

1.06 0.00480 0.066 0.0162 0.0660 0.1663

1.10 0.00320 0.038 0.0095 0.0730 0.1660

1.20 0 0.036 0.006B 0.0'170 0.1651

4.2.3.1-7
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The characteristics of compressible skin-friction drag for bodies are similar to those for wings (see para
graph C of Section 4.1 .5.1). The skin-friction coefficient decreases with Mach number at constant Reynolds
number, and is a function of the ratio of the wall temperature to the free-stream temperature. For the
Datcom, zero heat-transfer conditions are assumed; i.e., stabilized .flight conditions are assumed. The fric
tion drag for transient flight lies between the incompressible value and the zero heat-transfer value. Another
important consideration for estimating the skin-friction drag at supersonic speeds is the Reynolds'f\umber
variation throughout the flight regime. The design chart used in the Datcom method is that of Section
4.1.5.1, which presents the turbulent skin-friction coefficient on an insulated flat plate as a function of
Mach number and Reynolds number.

Many theoretical solutions are available for estimating the wave drag of the forebody and afterbody.
Reference 14 contains an excellent summary of various theories compared to test data. Ten theories are
discussed in this reference. It is seen that second-order shock-expansion theory gives the best over-all
agreement with data. Many of the theories are seen to give gross errors over certain ranges of the similarity
parameters.

Two method, of estimating the forebody and afterbody wave drag are presented in detail in this section.
The first is developed in reference 15 and is based on slender-body theory. The second method is based on
similarity parameters and is taken from reference 14. For both methods the wave drag is separated into the

4.2.3.1-8



lorebody drag, the isolated afterbody drag (afterbody preceded by an infinite cylinder), and the interfer
ence drag of the forebody and center (cylindrical) "ection on the afterbody. Charts are presented for fore
body and afterbody drag cocfficients of straight-element profiles (cones) and parabolic profiles, and
for predicting interference-drag coefficients for conical profiles, pointed parabolic profiles, ducted
conical profiles, and truncated afterbodies behind pointed parabolic forebodies. Comprehensive charts
based on test data giving the effects of nose bluntness are also presented for the first method.

The first method is applicable to both open-nosed and closed-nosed bodies of revolution. The design charts
of the second method for predicting the wave-drag coefficient of the nose are restricted to closed-nosed
bodies of revolution. Therefore, the second method is restricted accordingly.

A sizable quantity of data on supersonic base drag exists. Charts derived from test data and theory are pre
sented for a wide range of geometric parameters. For the higher supersonic Mach numbers, theory has been
used, and at the lower Mach numbers, empirical results have been used. It should be pointed out that the
estimation of the afterbody drag of a body cannot necessarily be accomplished independent of the base. The
lambda shock which exists near the end of the body separates the boundary layer over the rear portion of the
boattail and thus changes both the base pressure and the pressure loading of the boattail. These effects are
included in the base-<lrag charts presented but are not included in the afterbody charts.

DATCOM METHODS

Method I. Slender-Body Theory

The zero-lift drag coefficient of open-nosed or closed-nosed bodies of revolution, based on the maximum
frontal area, is given by

4.2.3. J.f

where

is the turbulent flat-plate skin-friction coefficient, including roughness effects, as a function
of Mach number and the Reynolds number based on the reference length 2. This value is
obtained from figure 4.1.5.1-26 as discussed in paragraph A of Section 4.1.5.1. The reference
length 2 is the total length of the body 2•.

is the ratio of body wetted area to maximum body frontal area, determined as outlined in
paragraph A of this section.

and CD are the wave-<lrag coefficients (reference IS) based on maximum frontal area of
A

the nose and afterbody, respectively. Figure 4.2.3.1-27 is for parabolic profile shapes of
circular cross section. Figure 4.2.3.1-28 is for conical profile shapes of circular cross section.
A drag value obtained from these charts is the drag acting on the oblique surface and does
not include the forces acting on the front or rear faces. The external drag of open-nosed
bodies can thus be determined. .

The wave-<lrag coefficients of the nose and afterbody of parabolic and conical profile shapes
with noncircular cross sections may be approximated by using a forebody or afterbody of
circular cross section and of the same area distribution (equivalent body of revolution). In
this case values of a and d to be used in fillures 4.2.3.1-27 and 4.2.3.1-28 are the
.. jcross-sectional area

eqUivalent diameters defined as \ 0.7854 .

4.2.3.1-9



A more exact estimation of Co and CD may be made for parabolic and conical profile
N2 A

shapes with elliptic cross sections by using figure 4.2.3.1·29. This figure presents the decrease
in wave-<lrag coefficient, based on maximum frontal area, from the value for the equivalent
body of circular cross section to that for a body of elliptic cross section. The wave-drag
coefficient of the equivalent body of circLlar cross section is first obtained from either figure
4.2.3.1-27 or figure 4.2.3.1-28 by using the equivalent diameters. This value is then r"duced
by the appropriate value of ACo or ACo obtained from figure 4.2.3.1-29.

N2 A

is the wave-drag coefficient of spherically blunted noses. The extended fineness ratio of the
nose is first determined from figures 4.2.3.1-30 and 4.2.3.1-31 for parabohc and comcal
noses respectively. This value is then used to determine the wave drag of the spherical nose
segm~nt. Figures 4.2.3.1-32a th20ugh 4.2.3.1-32f are for combinations of .spherical and
parabolic noses. Figures 4.2.3.1-38a th20ugh 4.2.3.1-38f are for combmallons of sphencal
and conical noses. These ialler charts are based on experimental data of references 17
th20ugh 27. When interpolation is necessary, several values should be plolled to provIde the
correct nonlinear variation. Figures 4.2.3.1-30, -31, -32, and -38 are for noses of ctrcular
cross section. For noses with noncircular cross sections C

DN
may be approximated by

I

using a nose of circular crOSs section and of the same area distribution. In this case the values
of the equivalent diameters and the fineness ratios based on the equivalent diameters are
used in the design charts.

is the interference-drag coefficient acting on the afterbody due to the centerbody (cylindrical
section) and the nose. This coefficient is obtained from figure 4.2.3.1-44 for parabolic
profiles, from figure 4.2.3.1-46 for conical profiles, and from figure 4.2.3.1-48 for ducted
conical profiles (reference IS). For bodies of noncircular cross section the interference drag
coefficient may be approximated by using a body of circular cross section and of the same
area distribution. In this case the equivalent diameters are used in the design charts.

is the base-<lrag coefficient given by

where
4.2.3.I-g

4.2.3.1-10

is the base-pressure coefficient f20m figures 4.2.3.1-50 and 4.2.3.1-55 for ogival
and conical boallails of circular ClOSS section, respectively. (Although figure 4.2.3.1-50
is derived for ogive boallails, references 28 th20ugh 31, it can be applied to para-
bolic afterbodiesif the ratio db/d is not small. Actually, if the ratio is small, the
magnitude of the base drag would be such as to minimize the importance of large
percentage errors.)

is the ratio of the base diameter to the maximum body diameter.

For bodies of noncircular cross section the equivalent diameters should be used in the design
charts anG in equation 4.2.3.I-g.

For bodies of revolution with no boallail the base.<Jrag coefficient is read directly from
figure 4.2.3.1-60.



Metho<l 2. Similarity Parameters

An alternate method based on the correlation of test data by using s;milarity parameters is presented below.
The zero-lift drag coefficient of closed-nosed bodies of revolution, t ased on the maximum frontal area, is
given by

4.2.3.I-h

where Cr, SS/S8' CD ,CD' and CD are determined as in method I, and
A (NC) Nib

is the zero-lift wave-drag coefficient of the nose obtained from figure 4.2.3.1-61 or
4.2.3.1-62, which are for ogival- and conical-profile noses of circular CroSS section, respectively.
The KN faotor used in figure 4.2.3.1-61 is given in figure 4.2.3.1-63. The chart for cones is
based on references 32 through 37 and the chart for ogive noses is based on references 18,
35, and 38 through 40. Slender-body theory and Newtonian theory have also been used.
These charts are discussed and substantiated in reference 14.

is the zero-lift wave-drag coefficient of the afterbody from figure 4.2.3.1-64 or 4.2.3.1-65,
which are for ogival and conical afterbodies with circular croSs sections, respectively.
These charts are based on Van Dyke's second-<>rder theory and the data of reference 41 and
are discussed and substantiated in referenct 14.

For bodies with noncircular cross sections the component contributions should be based on the equiv
alent body of circular cross section.

It should be noted that the design charts presented for CD in method 2 are restricted to closed-nosed
bodies of revolution. Nz

Sample Problem.

I. Method I. Slender-Body Theory

Given: A cone-eylinder body with the following character;stics (reference 41):

~ = 129.1 in. ~ = ~ = 53.8 in.
8N d/2 db /2

8 1 N

b 2NJ .~. :~ .E -:J.1CENTER ~z = 2c = 45.0 in. 2 = 2 = 30.3 in.3 A

2Aj , LINE
C d = 7.50 in. d = 3.28 in.

2a
b

Ss/Sa = 50.0 8 = 40
N

Additional characteristics:

M = 1.4; /l = 0.980 R2 = 7.6 x 107 (based on 28 )

Polished metal surface; assume k = 0.08 x 10-3 in.

4.2.3.1-11



Compute:

/
129.1

£ k = = 1.61 x 106 ; cutoff R£ = 2 x 108
0.08 x 10-3

Since cutoff R£ > 7.6 X 107 , read Cf at R£ = 7.6 x 107

Cf = 0.00192 (fllure 4.1.5.1-26)

Forebody

(Illure 4.1.5.1-27)

= 0;
2£1 2(53.8)

- = -::-::---'::-:-
/ld l (0.98)(7.50)

= 14.6

(fllure 4.2.3.1-28, extrapolated)

2

(
2£1) [ 2(53..8) ] 2- = = 205.8
d l 7.50

~
2£ )2

CO _I = 5.5
N2 d.

CD = (5.5)/(205.8) = 0.0267
N2

CD = 0 (no bluntness)
Nt

Afterbody

~::r

(:;Y
(

3.28)2= -- = 0.191'
7.50 '

=( 2 (30.3)J 2 = 65.29
7.50

= 2(30.3) = 8.24
(0.98) (7.50)

(Illure 4.2.3.1-28)

CD = (2.10)/(65.29) = 0.0322
A
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(
22 )2J

C - ;027
DA(NC) d

J
.

(figures 4.2.3.1-46b and -46c, interpolated)

C ; (0.27)/(65.29); 0.0041
DA(NC)

Cpt, ; -0.055 (figure 4.2.3.1-55c)

C
Db

; -CPb (d;)2 (equation4.2.3.I-g)

; -(-0.055) (0.437)2 ; 0.0105

Solution:

(equation 4.2.3.1-0

; (0.00192) (50.0) + (0.0267) + (0.0322) + (0.0041) + 0 + 0.Ql05

; 0.1695 (based on S.)

This corresponds to an experimental value of 0.153 from reference 41.

2. Method I. Slender-Body Theory

Given: The same cone-cylinder body as sample problem I, except that the nose is spherically blunted.

-:c1J"T a d,
-;- ; 0.60 2N

; 53.8 in.[' ,
d do 0

-- ...l
2

N
~2N=:j d ; do = 7.50 in. 2N

; 24.0 in.

0 Ss
-= 45.8 2. = 99.3 in.
S.

M= 1.40; ~ ; 0.98

Polished metal surface; assume k; 0.08 x 10.3 in.

CD = 0.0322
A

C = 0.0041
DA(NC)

CD = 0.Ql05
b

Afterbody drag components from
sample problem 1
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Compute:

nO. __"3 6 8
lU" --'--''':'::''- = 1.24 X 10 ; cutoff R2 = 1.60 X 10

0.08 X 10-3

Since cutoff R2 > 5.85 X 10', read C, at R2 R 5.85 X 10'

C( = 0.0020 (figure 4.1.5.1-26)

Forebody.

(.a)2 22N 2(24)
(d" = 0.36; Ild = (0.98) (7.50) = 6.53

(fIsure 4.1.5.1-27)

(
22N) 2 = [2(24)]2
d 7.50

= 40.96

(flsure 4.2.3.1-28)

CD = (1.16)/(40.96) = 0.0283
N2

fN = 2N Ido = (53.8)/(7.50) = 7.17
o 0

(flsures 4.2.3.1-38a, -38b, -38c; interpolated)

Solution:

(equation 4.2.3.1-0

= (0.0020) (45.8) + 0.0283 + 0.0322 + 0.0041 + 0.200 + 0.DI05

= 0.3667 (based on Sa)

3. Method 2. Similarity Parameters

Given: The same cone-eylinder body as sample problem I.

fN = 7.17 ~/d= 0.437 M= 1.4; II = 0.98

R2 =7.6xIO' (basedon2a )
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Drag components from sample problem I:

Compute:

Forebody

= 0.0960 C
°A(NC)

= 0.0041 =0 Co = 0.0105
b

~{fN = (0.98){(7.17) = 0.137

I I
fN

2 +4" = (7.17)2 +"4 = 51.66

CD = 0.45){(51.66) = 0.0280
N2

Afterbody

fA 2 = (4.04)2 = 16.32; ~{fA = (0.98){(4.04) = 0.243

CD (fA)2 = 0.53 (figure 4.2.3.1 {i5)
A

C = (0.53){06.32) = 0.0325
°A

Solution:

(equation 4.2.3.I-h)

= 0.0960 + 0.0280 + 0.0325 + 0.0041 + 0 + 0.0105

= 0.1711 (based on S8)

This corresponds to a calculated value of 0.1695 obtained using method I, and to an experimental value of
0.153 from reference 41.

D. HYPERSONIC

At hypersonic speeds the zero-lift drag of a body is caused primarily by the pressure and friction drag of the
nose. The base drag decreases and becomes insignificant at the higher Mach numbers (see figures 4.2.3.1-50,
4.2.3.1-55, and 4.2.3.1.{j0).

High-speed turbulent skin-friction values are not well defined at the present time. A theory that has had
wide acceptance is that of reference 42. The limited experimental data (e.g., reference 43) substantiate this
theory reasonably well.
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Figures 4.2.3.1-66 and 4.2.3.1-67 are based upon Newtonian Impact values at M- 00 and should give
reasonable results for bodies at these speeds. The charts of reference 44 give the drag of bodies of revolu
lion composed of cone frustums and spherical noses based on Newtonian flow. A similar set of charts is
contained in reference 45. A more comprehensive set of charts based on Newtonian flow is available in
reference 46 for arbitrary bodies of revolution.

DATCOM METHODS

Method I. Hypersonic Similarity

The method described as method 2 of paragraph C can be used at hypersonic Mach numbers, but with the
body skin-friction drag coefficient calculated as outlined in method 2 that follows (see equation 4.2.3.I-j).

Method 2. Newtonian Flow Plus Skin Friction

The zero-lift drag (based on the maximum frontal area) of bodies composed of cone-cylinder frustums and
pointed or spherical noses is estimated by adding the pressure-drag coefficient of each segment to the body
skin-friction drag coefficient.

m t,d)2= Co + '" CD _n_
f L p d

0=1 n max

The procedure to be followed in evaluating equation 4.2.3.I-i is:

4.2.3.I-i

Step I Divide the body into m segments, the first segment being the pointed conical or spherical
nose and each succeeding segment a cylinder or circular cone frustum. The pressure-drag
coefficient for a spherical nose is obtained from figure 4.2.3.1-66. The pressure-drag coeffi
cient of a pointed conical nose, cylinder, or circular cone frustum is obtained from
figure 4.2.3.1-67. (Note that the cylinder is considered as a cone frustum with 8 = 0
and aid = 1.0, and that the pressure-drag coefficient is zero by Newtonian impact theory.)
Figures 4.2.3.1-66 and 4.2.3.1-67 are from reference 44, and are based on Newtonian
impact theory. The pressure-drag coefficients from figures 4.2.3.1-66 and 4.2.3.1-67 are
based on the base area of the specific segment. The ratio (dn/dmax)2 refers the pressure
drag coefficients to the maximum body frontal area.

Step 2 Obtain the body skin-friction drag coefficient by

4.2.3.1-j

where

is the incompressible (M = 0), turbuler.t, flat-plate skin-friction coefficient,
including roughness effects, as a function of Reynolds number based on the
total length of the body ~B' This value is obtained from figure 4.1.5.1-26
as discussed in paragraph A of Section 4.1.5.1.

is the ratio of compressible to incompressible skin-friction coefficient
obtained from figure 4.2.3.1-68.
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is the ratio of the body wetted area to maximum body frontal area,
determined as outlined in paragraph A of this section.

If method 2 is applied at Mach numbers low enough so that the base drag is significant, the base drag should
be added to the results obtained using equation 4.2.3.I-j. Unfortunately, the only base-drag coefficient
results available which are compatible with the Newtonian-theory results (restricted to bodies with forward
facing slopes or cylinders, in which case the Newtonian results are equal to zero) are those for cylindrical
aherbodies. The pressure-drag coefficient for cylindrical aherbodies is presented in figure 4.2.3.1-60 for
M ~ 6.

Sample Problem

Method 2. Newtonian Flow Plus Skin Friction

Given: A body with the following configuration (reference 54):

Segment I: Spherical nose

d t ; d, ; 0.58 in.0.29 in.

• d, ; 1.50 in.

Segment 2: Cone frustum

Segment 3: Cylinder Segment 4: Cone frustum

1.50 in.

dl ; 1.50 in. d. ; 4.10 in.

Segment 5: Cone frustum Segment 6: Cylinder

d S ; 4.50 in. d6 ; 4.50 in.

Additional characteristics:

M; 4.65

Polished metal surface; assume k; 0.08 X IO- l in.
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Compute:

Determine Co of the body segments
p

Segment I

21 /(d l /2) = (0.29)/(0.58/2) = 1.0

(figure 4.2.3.1-66)

Segment 2

a2 /d2 = (0.58)/(1.50) = 0.387

CD = 0.200 (figure 4.2.3.1-67)
P2

Segment 3

a]/d] = (1.50)/(1.50) = 1.0

(figure 4.2.3.1-67)

Segment 4

a4 /d4 = (1.50)/(4.10) = 0.366

CD = 0.138
P4

Segment 5

(figure 4.2.3.1-67)

as/ds = (4.10)/(4.50) = 0.911

CD = 0.010
Ps

Segment 6

(figure 4.2.3.1-67)

a6 /d6 = (4.50)/(4.50) = 1.0

(figure 4.2.3.1-67)

Determine the skin-friction drag coefficient CD
r

e/k = 14.4/(0.08 x 10·]) = 0.18 X 106 ; cutoff Re " 7.S x 107 (flgure4.I.S.1-27 at M =0)

Since cutoff Re > 7.63 x 106 • read Cr at Re = 7.63 x 106
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Cr ; 0.00314 (figure 4.1.5.1-26 at M; 0)

(figure 4.2.3.1-68)

Solution:

; (1.02)(0.00314)(0.44)(8.14) ; 0.0115

m (d)2; C + ~ C _n_
Dr L.. Dp d

s=n n max
(equation 4.2.3.1-i)

;C +C ~dl)2
Df Dp d

1 6

; 0.0115 + (1.0) (0.58)2 + (0.200) (1.50)2
4.50 4.50 (

4.10)2 (4.50\2+ 0 + (0.138) -- + (0.010) -- + 0
4.50 4.501

; 0.175 (based on S8)

The Mach number of this example is low enough so that the base drag is significant. The base drag
coefficient is obtained from figure 4.2.3.1-60 as

CD = 0.055
b

So, the final result is

(based on S8)

CD = CD + CD + CD = 2.30 (based on S8)
o f p b

This result compares favorably with the test value shown in reference 54.

E. RAREFIED GAS

In the discussions of aerodynamic properties presented previously, it has been assumed that the air behaves as
a continuous fluid; whereas, at the very low densities encountered at extreme altitudes the actual molecular
structure of the air will become important.
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By accepted definition (reference 47) a rarefied gas flow is a flow in which the length of the molecular mean
free path is comparable to some significant dimension of the flow field. The ratio of these two lengths is called'
the Knudsen number. If the characteristic length is chosen to be the body dimension used in the definition
of Reynolds number, then the Knudsen number can be shown to be given approximately by

By the definition given above, the flow can be considered as rarefied if Kn > I. If the flow is very rarefied,
say Kn > 3 (reference 47) then individual gas molecules strike the surface of the body without interacling
with surrounding gas molecules; this flow regime is called free-molecule flow. Between the regime of free
molecule flow and that of continuous gas dynamics (where Kn-I 0.4 or 10.5 ) lies a large transition region
that is not yet clearly defined as to its characteristics.

lt is apparent that, if Kn = 3 defines the limit for the free-molecule flow regime, the aerodynamics of
bodies in this type of flow is of interest only in its application to satellite studies. A Knudsen number of
three corresponds to an altitude of roughly 100 miles, if the reference length used is only one foot, with
increasing altitude for larger reference dimensions. lt seems unlikely that anything resembling a full-size
aircraft will attempt to utilize the tenuous atmosphere at these extreme altitudes for a useful purpose with
out flying at essentially orbital speeds. It is not possible to make any c1earcut statements regarding the tran
sition regime. The region likely to be of most interest in aircraft and missile work is that where the flow
is just slightly rarefied, that is, where the continuous flow equations are just beginning to become
questionable. This is called the slip-flow regime. In the slip-flow regime either the Mach number is large or
the Reynolds number is small, by continuum standards. Analysis of the slip-flow regime is diffkult, because
its characteristics are likely to be masked by compressibility and viscosity effects.

An excellent discussion is presented by Hayes and Probstein (reference 48) concerning the validity of continuum
theory as applied to rarefied gas flow. It is concluded that, when properly applied, continuum gas dynamics and
viscous flow theory can be useful far into the regime of what is normally considered the domain of kinetic theory.

At the other end of the spectrum, free-molecule flow theory is important for several problems dealing with
satellites. Since satellites generally operate in the free-molecule flow regime, it is necessary to estimate the
drag coefficient under these conditions in order to predict the perturbations and decay of the orbit, and to
use satellite measurements to estimate atmospheric density.

There are many analyses in the literature on the lift and drag of bodies in free-molecule flow (references 47.,
49, 50, and 51), since the problem is amenable to analytical solution. In the discussion of reference 47,
expressions tor the local pressure and shear forces are given in general form, so that these forces can be
computed for any type of interaction of the atmospheric molecules with the body surface. At the present,
very little is known of the nature of this interaction, and more research is required to establish the type of
interaction that may be expected in a specific problem.

Jastrow and Pearse (reference 52) have discussed an additional drag that arises in the flight of a body through
a medium containing ions and electrons, as in the ionosphere. The satellite tends to acquire a negative
equilibrium electrostatic potential. As a result, atmospheric ions that would otherwise have missed the
satellite are drawn into collisions with it, thus increasing the drag.

Integrated drag forces for the simple shapes of the cylinder and sphere are given in reference 47. These data
are shown in figure 4.2.3.1-69 for the Simplified case in which the surface temperature is equal to the ambient
temperature, and for the extremes of specular and fully diffuse reflection.
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S' is the nose area of forebody or base area of afterbody
S. is the maximum frontal area of forebody or afterbody
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S' is the nose area of fore body or base area of afterbody
S8 is the maximum frontal area of forebody or afterbody
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4.2.3.2 BODY DRAG AT ANGLE OF ATTACK

The drag of bodies at angle of attack is closely related to their lift and drag at zero angle of attack.
The total drag of a body at angle of attack can be expressed as

4.2.3.2-a

where CDO is the body zero-lift drag, as developed in Section 4.2.3.1, and CD (a) is the drag due to
angle of attack as determined in this section. Discussions of the various applicable theories are given
in Sections 4.2.1.1 and 4.2.1.2 and will not be repeated here.

A. SUBSONIC

Four methods are presented for estimating body drag due to angle of attack. The first method is
taken from Reference I and is quite general since it applies to both short and long bodies of
revolution. This method assumes that the flow is potential over the forward part of the body and
has no viscous contribution in this region. On the aft part of the body, the flow is assumed to be
entirely viscous, with lift arising solely from cross-flow drag. The second method, taken from
Reference 2, is accurate to within ±10 percent for bodies of high fineness ratio but is not accurate
for bodies of low fineness ratio. This method assumes that the viscous contribution at each station
along the body is equal to the steady-state drag of a section of an infinite cylinder placed normal to
a flow with velocity V sin "'. This method is included for bodies of high fineness ratio because of its
ease of application. The third method, taken from Reference 3, is also given because of its ease of
application. This method is limited in application to small angles of attack and moderate fineness
ratios. The fourth method, taken from Reference 4, presents a method of computing axial-force
coefficient. This method. (based on slender-body theory) applies to the angle-of-attack range of 0 to
1800 for bodies with circular cross sections. It is recommended that one of the first three methods
be used in the low-angle-<>f-attack range.

DATCOM METHODS

Method I. General

The subsonic drag due to angle of attack of a body of revolution, based on (V8)2/3, is given in Ref
erence I as

4.2.3.2-b

where

is the potential-flow solution for C
L

from Paragraph A of Section
4.2.1.1, multiplied by ",2 '"

4.2.3.2-1



"

is the viscous solution for CL at angle of attack from Paragraph A of
Section 4.2.1.2, multiplied by IX.

is the body angle of attack in radians.

All the parameters required to solve Equation 4.2.3.2-b are defined in Sections 4.2.1.1 and
4.2.1.2.

Method 2. Bodies of High Fineness Ratio

The subsonic drag due to angle of attack of a body of revolution, based on (VB )2/3, is given in
Reference 2 as

4.23.2-c

where

is the body base area.

is the total body volume.

is the body planform area.

is the body angle of attack in radians.

lJ is the ratio of the drag on a finite cylinder to the drag on an infinite cylinder,
obtained from Figure 4.2.1.2-35a as a function of the body fineness ratio QB /d.

is the experimental steady-state cross-flow drag coefficient of a circular cylinder of
infinite length, obtained from Figure 4.2.1.2-35b as a function of the cross-flow
Mach number at a given angle of attack.

Comparisons between results obtained by this method and test results (Reference 2) show that the
body drag due to angle of attack is, in general, fairly accurately predicted up to moderate angles of
attack for bodies with fineness ratios as low as about 6. For bodies with fineness ratios of about 15
and greater, the method should predict the drag due to angle of attack quite accurately over the
angle-of-attack range of practical interest.

Method 3. IX < 100 and 2ftan" < 5

For the range of parameters IX < 100 and 2f tan IX < 5, the simplified method of Reference 3
indicates that the subsonic drag due to angle of attack of a body of revolution, based on body base
area, may be given as

4.2.3.2-2



4.2.3.2-d

where" is the body "'Igle of attack in radians, f is the body fineness ratio, and the remaining
parameters are defined in Method 2 above.

The first three sample problems illustrate the accuracy of the above methods applied to the same
con figuration.

Method 4. High Angles of Attack

The method of Reference 4 is applicable to the angle-of-attack range of 0 to 1800 Due to the
complexity of calculating drag for bodies with noncircular cross sections, the Datcom method is
limited to bodies with circular cross sections. For noncircular crosswsection bodies, the user is
referred to the treatment presented in References 4 and 5. The Datcom method predicts axial-force
coefficient Cx based on body base area. Sketch (a) shows how this term may be used in
conjunction with the CN calculated in Section 4.2.1.2 to obtain Co (CD = CN sin" - Cx cos ").

SKETCH (a)

The axial force Cx of a circular-crass-section body at an angle of attack, based on the body base
area, is given by

4.2.3.2-e

4.2.3.2-f

and

where

Cx0:=0

C =Cf+COXO:=180o b

is the axial-force coefficient at" = O.

4.2.3.2-g

4.2.3.2-h

4.2.3.2-3



0/ is an incidence angle defined as 0/ =a for 0.;; a .;; 90? and a' = 1800 - a for
900 .;; a .;; 1800

is the axial-force coefficient at a = 1800 .

is the turbulent flat-plate skin-friction coefficient based on the reference
length. This value is obtained from Figure 4.2.3.2-27 as a function of Reynolds
number (based on body length) and Mach number.

is the base-drag coefficient based on the maximum body frontal area, given by
Equation 4.2.3.I-b.

It is recommended that this method be used only in the high-angle-of-attack range where other
Datcom methods are not applicable. No substantiating test data are available for this method in the
subsonic speed range.

Sample Problems

I. Method I

Given: The parabolic body of revolution of Reference 10.

~B = 5.04 ft d = 0.510 ft db = 0.376 ft f = 9.87

VB = 0.687 cu ft; (Va)2 / 3 = 0.7786 sq ft

Body ordinates: r = 0.255 {I _~ _6.~~5) 2] 'A

Compute:

Potential Flow Term (Section 4.2.1.1)

Xl 5.04 ft"

)(1 may be determined by inspection for this case

4.2.3.2-4

M = 0.40 o ,. a" 180



(Figure 4.2.1.1-20b)

Xo = (0.903) (5.04) = 4.55 ft

= ~(ro)2 = ~ \0.255 [I -( -6
2
;;51TI 2

= 0.151 sq ft

(Figure 4.2.1.1-20a)

(0.938)
= 2a2 (0.15IJ= 0.364 a2

(0.7786)

Viscous Term (Section 4.2.1.2)

'7 = 0.685 (Figure 4.2.1.2 -35a)

cd = f(M e); Me = Msina
e

Me varies between 0.40 sin (0) to 0.40 sin 18°; 0 S Me ,,0.1236

cd = 1.20 (constant) (Figure 4.2.1.2-35b)
e

2B
(0.685)( 1.20) f r dx = 0.822

Xo

r t.x

x r* t.x rt.x

Xo = 4.55
0.2136 0.20 0.043

4.75
0.2010 0.20 0.040

4.95
0.1906 0.09 0.017

2
B

= 5.04

~ rt.x = 0.100

•

f2 B
'7 r c

de
dx = (0.822)(0.100) =

Xo

r is taken to be at the midpoint of each body segment.

0.0822
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Solution:

0.211 a3

= 0.364a2 + 0.211a3

lJ r Cd dx
c

(Equation 4.2.3.2-b)

" a ,,2 a 3
ColO!)

(deg) (rad) Crad21 lrada, 0.364 @ + 0.211 0
0 0 0 0 0

2 0.0349 0.00122 0.00004 0.0005

4 0.0698 0.00487 0.00034 0.0018

6 0.1047 0.01096 0.00115 0·.0042

8 0,1396 0.01949 0.00272 0.0077

10 0.1745 0.03045 0.00531 0.0122

12 0.2094 0.04385 0.00918 0.0179

14 0.2443 0.0596B 0.01458 0.0248

16 0.2792 0.07795 0.02176 0.0330

18 0.3141 0.09B66 0.03099 0.0425

The calculated results are compared with test values from Reference lOin Sketch (b).

2. Method 2

Given: The same configuration as in Sample Problem I.

Additional Characteristics:

Sb = 0.111 sq ft

Compute:

Potential Flow Term

Sp = 2.016 sq ft

= 2<>2 I-0.111 ~ = 2
\0.7786) 0.285 O!
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Viscous Term

'I = 0.685 I(Sample Problem I)
Cd = 1.20,

Sp
,,3 2.016 ,,3 2.128,,3'Ie = iO.685 ) (1.20) 0.7786 =

d, (V
a

)2/l

Solution:
Sb Sp

CD (,,) = 2,,2 --- + 'I Cd ----'-- ,,3 (Equation 4.2.3.2-c)
(Va )2/3 , (Va )2/3

= 0.285,,2 + 2.128,,3

" " ci if CD(Q)

(degl (rad) trad 2) (rad3) 0.285 G) + 2.128 0

0 (See calculation table.Sample Problem 11 0

2 0.0004

4 0.0021

6 0.0056

8 0.0113

10 0.0200

'2 0.0320

14 0.0480

16 0.0685

18 0.0941

The calculated results are compared with test values from Reference 10 in Sketch (b).

3. Method 3

Given: The same configuration as in Sample Problems I and 2.

Compute:

Cd = 1.20 (Sample Problem I)
c

2f tan", > 5 for" > 14.2°; therefore, the problem is limited to angles of attack < 10°.
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Solution:

Cd

= a 2 + 0.49 f2_' a4 (Equation 4.2.3.2-d)
Sb

2 1.20
= a 2 + (0.49) (9 87) -- a4

. 0.111

CD @ ® ®

co{a) Cola)

a a c2 ~ (based on Sb' Cbased on (V812/3\

Ideo) {,ad) l'ad2) l'ad4) @+ 516 @ ® S flV )2/3
b B

0 0 0 0 0 0

2 0.0349 0.00122 0.000001 0.00173 0.0002

4 0.0698 0.00487 OO24סס.0 0.01725 0.0025

6 0.1047 0.01096 0.00012 0.07286 0.0104

8 0.1396 0.01949 0.00038 0.21549 0.0307

The calculated results from Column 6 are compared with test values fromReference lOin ~etch (b)

.I 2 "--0-'""T=e-s-t-v""al'""u-es---O:R-e""f:-.I~O,----,--r--r--.--..--...,
I , I

- Method II---if---!--+--+-+---J
-- Method 2
----- Method 3 /

.08 +--t--+-",=F=+--+---t--+--/-+-/,L-j---J

//
.04 ..f---+--~-+-+--+--t-",+-,..f-,---1~F-/.."....j---l

.I ~/ . ..,...,""'-

4.2.3.2-8
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4. Method 4

Given: The same configuration as in Sample Problems 1,2, and 3.

Additional Characteristics:

'" = 50
0

Compute:

Cr = 0.0042 (Figure 4.2.3.2-27)

5.04

0.510
= 9.88

0.376
=--=

0.510
0.737 (Sample Problem I)

= 28.7 (Figure 2.3-3)

( ~B)] S5+ 0.0025 d SB (first term in Equation 4.2.3.I-a)

= 0.0042

= 0.131

60--
(~B/d)3

~ 60 (5.04 )~I + . + 0.0025 --
(5.04/0.510)3 0.510

28.7

CD = 0.029 (d
b
)3 / f{C;;j (Equation 4.2.3.I-b

b d / r b

= (0.029) (0.376)3/vo.m
0.510 r

= 0.0321

Solution:

CX.=o = -(Cr + CDb ) (Equation 4.2.3.2-g)

= -(0.0042 + 0.0321)

= -0.0363
4.2.3.2-9



ex COS 2 Q" (Equation 4.2.3.2-e)
01=0

-(0.0363)(0.6428 )2

-0.0150 (based on body base area)

No test data are available for a comparison.

B TRANSONIC

Slender-body theory may be applied for a rapid but approximate estimate of body drag at angle of
attack.

DATCOM METHOD

The drag coefficient due to angle of attack from slender-body theory is

4.2.3.2-i

where the drag coefficient is referred to body base area and'" is the body angle of attack in radians.

C SUPERSONIC

Three methods are given for estimating body drag due to angle of attack at supersonic speeds. The
first two methods correspond to the first two methods of estimating body lift in Section 4.2.1.2.
The general discussion of the methods used in Section 4.2.1.2 wi11 not be repeated here. In addition,
a third method is given for estimating the body axial-force coefficient (based on Reference 4 and
similar to Method 4 of Paragraph A of this section). This method is applicable up to an angle of
attack of 1800 and is limited to bodies of revolution with blunt, conical, ogive, and 3/4-power .
noses.

DATCOM METHODS

Method I

The supersonic body drag due to angle of attack, determined by the method of Reference 9 for
moderate angles of attack, is

4.2.3.2-j

where C
L

is given by Equation 4.2.1.2-g or Equation 4.2.1.2-h, depending on whether the body
cross section is circular or elliptical, and ex is the angle of attack in radians.

The supersonic drag due to angle ofattack of a body of revolution, based on body b·ase area, is then

4.2.3.2-k

where a11 the parameters are defined under Method 2 of Paragraph A.
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Thl' supl'fsonic drag due to angle of attack of a body having an elliptical cross section, based on
body basl' area, is

where

42.3.2·1

a

b

is the major axis of the elliptical cross section.

is the minor axis of the elliptical cross section.

is the angle of bank of the body about its longitudinal axis; ¢ = 0 with the major axis
horizontal and ¢ = 900 with the minor axis horizontal.

is the drag due to angle of attack of a body of revolution having the the same
cross-sectional area distribution along its axis as the elliptical-crass-section body of
interest. It is given by Equation 4.2.3.2-k.

Calculated results using this method have been compared with test data in Reference 9. The
comparison included bodies of revolution and bodies of elliptical cross section, both having the
same axial distribution of cross-sectional area. The tests included bodies of fineness ratios 6 and 10
at M = 1.98 and bodies of fineness ratio 6 at M = 3.88. The angle-of-attack range was from zero to
approximately 20° For the cases considered, there is good agreement between results calculated by
this method and test values.

Method 2

A method for predicting the normal force of bodies of revolution at supersonic speeds is given in
Section 4.2.1.2. The drag due to angle of attack of a body of revolution can be expressed as

4.2.3.2-m

where C
N

and Cx are defined in Sketch (a). For small angles of attack the resultant force vector is
nearly normal to the body surface and the chord wise force component is neglected.
Equation 4.2.3.2-m can then be approximated at small angles of attack as

4.2.3.2-n

where

" is the body angle of attack in radians.

CN is the body normal-force coefficient at angle of attack, based on body base area,
obtained from Figure 4.2.1.2-38.

The normal-force data of Figure 4.2.1.2-38 are for cone-cylinder configurations, but may be
used for general pointed bodies without great loss of accuracy.
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Method 3

The following method (Reference 4) predicts the axial-force coefficient Cx in the angle-of-attack
range of 0 to 1800 The method is limited to bodies of revolution with blunt, conical, ogive, and
3/4-power nose shapes. Due to the complexity of calculating drag for bodies with noncircular cross
sections, the Datcom method is limited to bodies with circular cross sections. For noncircular
cross-section bodies, the user is referred to the treatment presented in References 4 and 5. This Cx
term may be used in conjunction with the CN calculated in Section 4.2.1.2 to obtain Co ; i.e., CD =
C

N
sin ex - Cx cos ex.

The axial-force Cx of a circular-cross-section body at an angle of attack is given by

4.2.3.2-0

4.2.3.2-p

and

4.2.3.2-q

where

C'
x 0:= 1800 4.2.3.2-r

CD is the base-drag coefficient for bodies of revolution, from Figure 4.2.3.1-60.
b

CD is the wave-<lrag coefficient determined from Figure 4.2.3.2-28a for blunt nose or blunt
W base forward, or Figure 4.2.3.2-28b for other nose shapes.

The remaining terms are defined in Paragraph A of Section 4.2.3.2.

A comparison of test data taken from References 7 and 8 with results calculated by this method is
presented in Table 4.2.3.2-A. It should be noted that very little reliable test data at high angles of
attack were available, and much of that used to substantiate the method is suspected of being
affected bymodel support interference. The method generally predict$ a lower absolute value ofCx
than evidenced by available test data; however, the user should be cautious in view of the
uncertainty of the test data.

It is recommended that other Datcom methods be used whenever possible, especially at low angles
of attack.

The method is applicable to 0 <;; M <;; 7; however, caution should be used in the hypersonic range
because of the lack of substantiating data.
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Sample Problems

I. Method I

Given: Three bodies ofReference I Leach having the same longitudinal area distribution.

Body I. Ogive-cylinder

Q
8

= 42.0 in. Q
N

= 14.0in. Q
A

= 28.0 in. db = dmax = 4.0 in.

f 10.5 Sb = 12.57 sq in. Sp = 154.0 sq in.

Body 2. Horizontal ellipse

Same longitudinal area distribution as ogive-cylinder body.

a = 4.90 in. b = 3.26 in. '" = 0

Body 3. Vertical ellipse

Same longitudinal area distribution as ogive-cylinder body.

a = 4.90 in. b = 3.26 in.

Additional Characteristics:

M = 2.01; 13 = 1.744

Body I. Ogive-cylinder

Compute:

Sp/Sb = 154.0/12.57 = 12.25

=Msina I
(See calculation table below.)

(Figure 4.2.1.2 -35b)

Solution:

(Equation 4.2.3.2-kl
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Sp

cd - CD ,a!!
c Sb

a a cl- til M
cd (Eq.4.2.3.2-kJ

c c

(deg) (rad) lrad 2) IraE:l 3) M sin ex (Fig.4.2.1.2-35bl ® 12.25 2@+00

0 0 0 0 0 1.20 14.70 0

2 0.0349 0.00122 0.00004 0.0701 1.20 14.70 0.00303

4 0.0698 0.00487 0.00034 0,1402 1.20 14.70 0.01474

6 0.1047 0.01096 0.00115 0.2101 1.20 14.70 0.03882

8 0.1396 0.01949 0.00272 0.2797 1.21 14.82 0.07929

10 0.1745 0.03045 0.00531 0.3489 1.233 15.10 0.1411

Bodies 2 and 3

Compute:

Horizontal ellipse

Vertical ellipse

Solution:

;l~ COS2tJ> + ~ sin2tJ>lCD(a) (Equation 4.2.3.2-1)
b· a

; 1.50 Co (a) Horizontal ellipse

; 0.667 CD (a) Vertical ellipse

4.2.3.2-14



IColOilj [ COIOiII
alb alb

Oi COIOi) Horil. Ellipse Vert. Ellipse

Idegl Ogive--Cyl. 1.500 0.667 0

0 0 0 0

2 OO3סס.0 0.00454 0.00202

4 0.01474 0.02211 0.00983

6 0.03882 0.05823 0.02589

8 0.07929 0.' '89 0.0529

'0 0.1411 0.2116 0.0941

The calculated results for the three bodies are compared with test values fromReference II in Sketch (c).

2. Method 2

Given: The ogive-eylinder body ofSample Problem I.

Compute:

~ 14.0
:-- :-- : 3.50

dmax 4.0

£A 28.0
:-- :-- : 7.0

dmax 4.0

: 1.744/3.50

;;;; 2.0

: 0.498

/lCN (Figure 4.2.1.2-38b)(See calculation table below.)

CN : /lCN l/l (based on body base area) (See calculation table below.)
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Solution:

CD (a) : CN a (Equation 4.2.3.2·n)

@ o
COla)

a a (3a (3c N cN l Eq. 4.2.3.2·n )

(deg) lrad) (dog} (Fig.4.2.1.2·38bl o 1(3 @@
0 0 0 0 0 0

2 0.0349 3.488 0.15 0.086 0.0030

4 0.0698 6.976 0.30 0.172 0.0120

6 0.1047 10.464 0.52 0.298 0.0312

8 0.1396 13.952 0.80 0.459 0.0641

10 0.1745 17.44 1.20 0.688 0.1201

The calculated results are compared with test values from Reference II in Sketch (c) .

1084 6
a (deg)

SKETCH (c)

2

Test values - Ref. II
o Ogive-cyhnder
0 Horizontal ellipse 70 Vertical ellipse

V
/

1/ I·
HORIZONTAL ELLIPSE / VI
OGIVE.(:YLINDER, METHOD 1-
OGIVE.(:YLINDER, METHOD 2~ l\ V 1/1V/VERTICAL ELLIPSE

V / V/ LI

/ ~~
V

~~V
V::; .

~'fo
o

.24

.20

.12

.16

.04

.08
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3. Method 3

Given: An ogive-cylinder body of Reference 7.

Body Characteristics:

= 11

Additional Characteristics:

M 2.86 1.375 x 106

Compute:

Cf = 0.00287 (Figure 4.2.3.2-27)

Co 0.103 (Figure 4.2.3.1-60)
b

d 1
M - = (2.86)( -) = 0.572

'N 5

0.7M 2 CD = 0.215 (Figure 4.2.3.2-28b)
w

0.215 0.215
=--~-

0.7M2 0.7(2.86)2
= 0.0375

Cx = ~(Cf + CD + CD ) (Equation 4.2.3.2-q)
~=o b w

= ~(0.00287 + 0.103 + 0.0375)

= ~0.143
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C cos2 (1 (Equation 4.2.3.2-0)
xo:=o

-(0.143)(0.587)

-0.084 (based on body base area)

Cx at'" = 1200

"" = 1800
- '" = 600

Cr = 0.00287 (Figure 4.2.3.2-27)

Co = 0.103 (Figure 4.2.3.1-60)
b

CD = 1.747 (Figure 4.2.3.2-28a for blunt base forward)
w

C = C +C +C (Equation4.2.3.2-r)
xool80o r Db Ow

0.00287 + 0.103 + 1.747

= 1.85

Cx = Cx ° cos2 ",' (Equation 4.2.3.2-p)
0:'=180

= (1.85 )(0.25)

= 0.46 (based on body base area)

Additional values have been calculated below:

0

M (deg) ex

2.86 0 -0.14

2.86 20 -0.126

2.86 40 -0.084

2.86 60 -0.036

2.86 80 -0.004

2.86 100 0.006

2.86 120 0.46

2.86 140 1.08

2.86 160 1.63

2.86 180 1.84

The calculated results of the sample problem are compared to test values from Reference 7 in
Sketch (d).
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o Test points
-- Calculated

2--..---~-~--.-----r---.---,.---,-------,--~

~
V

l-l----+---+--+---+--+------+----,;'I----I----j

11
ANGLE OF ATTACK. a (deg)/

40 60 80 ly 1 0

<1(-) ()

1 0 1 ill 110

SKETCH (d)

D. HYPERSONIC

For small or moderate angles of attack the hypersonic drag' of a body is given by Method 2 of
Paragraph C. For large angles of allack the method of Reference 4 presented as Method 3 of
Paragraph C of this section may be used.

DATCOM METHODS

Method I

At small to moderate angles of allack, body drag due to angle of allack, based on base area, is given
by Equation 4.2.3.2-n; i.e.,

where C
N

is obtained from Paragraph D of Section 4.2.1.2 and a is the body angle of attack in
radians. The design charts of Section 4.2.1.2 can be used to determine the normal-force coefficient
at angles of attack for cone-cylinder-flare, cone-cylinder, or cone·flare bodies with pointed or
spherically blunted noses, or for spherically blunted or pointed cones.

An approximate value of CD (a) at small angles of attack for a spherically blunted ogive can be
determined by

4.2.3.2-s

where CN is obtained from Figure 4.2.1.1-25 and a is lhe body angle of attack in radians.
a
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Method 2

This method is identical to Method 3 presented in Paragraph C of this section. The method is
applicable to angles of attack from 0 to 1800 and Mach numbers up to 7. Substantiating test data
taken from Reference 8 for a .;;; 25 0 are presented in Table 4.2.3.2-A. The method has not been
substantiated at higher angles of attack. It is recommended that the method be used cautiously and
only when Method I cannot be used.

sample Problems
1. Method I

Given: A cone-<:ylinder body ofReference 12.

Q
8 = 8.0 in. Q

A
= 4.68 in. Q

N
= 3.32 in.

M = 6.86; {3 = 6.79 o '" a '" 240

Compute:

d = 1.17 in.

Q
A

=-
d

4.68
= --= 4.0;

1.17

3.32
= --= 2.84

1.17

{3/fN = 6.79/2.84 = 2.39

{3CN (Figure 4.2.1.2-40a through -40d, interpolated) (See calculation table.)

CN = {3CN /{3 (based on body base area) (See calculation table.)

Solution:

Co(a} = CN a (based on~) (Equation 4.2.3.2·n)

CD
COla)

a {3cx (3cN cN
()(

lEq,4.2.3.2-n"

(dog) (dog) (Fig. 4.2.1.2-40) @ /6.79 (rad) @@

a a a a a a

• 27.2 1.. 0.206 0.0698 0.0144

8 54.3 3.0 . 0A42 0.1396 0.0617

12 81.5 5.2 0.766 0.209' 0.1604

16 108.6 7.7 1.134 0.2792 0.3166

20 135.8 10.4 1.53" 0.3490 0.5347

2. 163.0 13.3 1.959 0.4188 0.8204
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The calculated results are compared with test values from Reference 12 in Sketch (e)

302010

2
0 Test values ~ Ref. 12

Calculated
0

/
1/

AI
&'
V

~
V

a
a

.4

.8

.6

.2

1.

1.0

" (deg)

SKETCH (e)

2. Method I

Given: A cone-eylinder-flare body ofReference 13.

Cone:

T
£1 = £N = 2.414 in.

d. = d2 = 2.0 in. 81 = 22.5 0

d3 Cylinder:

1 £2 = £c = 2.0 in. d2 = 2.0 in.

Flare:

£3~
£3 = £ = 3.29 in.F

d3 = 5.80 in. 83 = 300

Additional Characteristics:

M = 6.0; Il = 5.92 0 <:" <: 160
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Compute:

In accordance with the method of Section 4.2.1.2, the increment of normal force due to the flare is
added to the normal force of the cone-eylinder body.

(C N)
cone-cylinder

fN = ~N /d = 2.414/2.0 = 1.207

{J/fN = 5.92/1.207 = 4.90

{JCN (Figure 4.2. I .2-40d and -40e, interpolated) (See calculation table.)

CN = {JCN /13 (based on cone-eylinder maximum frontal area) (See calculation table.)

(Figure 4.2.1 .2-42b) (See calculation table.)

0.881

I -(::Y
(based on flare base area) (See
calculation table.)

(based on cone-eylinder maximum frontal area)
(See calculation table.)
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Solution:

C D(a) = CN a (Equation 4.2.3.2·n)

@

(<lc
N

,

,<lc
N

) (d
3 j2

F

I·e:;
co,a,

F d2

I3CN C (<lc
N

,
a l3a cone-cyl. Ncone-cyl. F cN a Eq.4.2.3.2·nJ

dOlI) ,dog' (Fig. 4.2.1.2-40) @ /5.92 (Fig.4.2.1.2-42bl ® 0.881 8.41 @ 0+0 (rad) @@

0 0 0 0 0 0 0 0 0 0

• 23.7 0.86 0.145 0.09 0.08 0.673 0.818 0.0598 0.0571

8 47.4 1.75 0.296 0.18 0.16 1.346 1.642 0.1396 0.2292

12 71.0 2.62 0.443 0.275 0.2' 2.018 2.461 0.2094 0.5153

16 94.7 3.50 0.591 0.35 0.31 2.607 3.198 0.2792 0.8929

The calculated results are compared with test values from Reference 13 in Sketch (f).

0 Test values - Ref. 13 tI

Caiculated /
V

/

/
V

Y
~

'V

--.

1.0

.8

CD (a)
.6

.4

.2

o
o

3. Method 2

4 8

a (deg)

SKETCH(f)

12 16

Refer to Sample Problem 3 in Paragraph C of this section for an example of the application of the
method.
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TABLE 4.2.3.2-A
SUPERSONIC AXIAL FORCE COEFFICIENT FOR

CYLINDER·BODIES WITH VARIOUS NOSE SHAPES
METHOD 3

DATA SUMMARY AND SUBSTANTIATION

R,
(based !ll. !!:!.. N"" Q

R,f M on diaml d d Shape (degl Cx C LC
Xcalc Xtest

7 2.86 1.25 x 105 6 0 Blunt 0 -1.84 -1.70 ~0.14

j
I

20 -1.63 -1.69 0.06

40 -1.08 -1.46 0.38
I

! 60 -0.46 -0.84 0.38

~
80 -0.56 -0.27 -0.29

100 0.56 0 0.56

3 Con, 0 -0.18 ~0.22 0.04

20 -0.16 -0.33 0.17

40 -0.11 ~0.44 0.33

60 -0.05 -0.52 0.47

80 -0.005 -0.50 0.49

100 0.06 -0.21 0.27

120 0.46 0.57 -0.11

'40 1.08 1.32 -0.24

160 1.63 1.63 0

180 1.84 1.64 0.20

5 Ogive 0 -0.14 -0.11 -0.03

20 -0.12 -0.22 0.10

40 -0.08 -0.40 0.32

60 -0.03 -0.50 0.47

80 -0.004 -0.42 0,42

100 0.06 -0.30 0.36

120 0.46 0.57 -0.11

140 1.08 1.30 -0.22

160 1.63 1.68 -0.05

180 1.84 1.62 0.22

8 4.24 5.4 :Ie 105
7 3 Con, 0 -0.137 -0.105 -0.032

j
I

5 -0.136 -0.096 -0.040

10 -0.132 -0.107 -0.025

15 -0.128 -0.121 -0.007

20 -0.121 -0.171 0.050

25 -0.112 -0.213 0.101

10 0 -0.137 -0.125 ~O.012

5 -0.136 -0.128 -0.008

10 -0,133 -0.124 -0,009

15 -0.128 -0.120 -0.008

20 -0.121 -0,122 I 0.001

25 -0.113 -0.124 0.011

5.04 2.6 :Ie 105
0 -0.119 -0,151 O.C: 2

f f 5 -0.118 -0.160 0.04,'

4.2.3.2-25



TABLE 4.2.3.2·A (CONTO)

R,
(based 'B .£J:; Nose 0

R'f M on diam) d d Shape fdeg) C C OC
XXca1c Xtest

8 5.04 2.6 x. 105 10 3 Con, 10 -0.115 -0.177 0.062

1 1 1
15 -0.111 -0.159 0.048

20 -0.105 -0.159 0.054

25 -0.098 -0.216 0.118

7 5 Ogive 0 -0.082 -0.076 -0.006

1 1
5 -0.081 -0.068 -0.013

10 -0.0795 -0.0895 0.010

15 -0.076 -0.120 0.044

6.28 1.1 )( 105 3 Cone 0 ~0.096 -0.208 0.112

j j ! j
5 -0.095 -0.195 0.100

10 -0.093 -0.202 0.109

15 -0.089 -0.236 0.147

20 -0.084 -0.288 0.204

25 -0.079 -0.320 0.241

Awrage Error '" L: I~c."l
'" 0.149n
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4.3 WING-BODY, TAIL-BODY COMBINATIONS AT ANGLE OF ATTACK

4.3.1 WING-BODY LIFT

4.3.1.2 WING-BODY LlFT·CURVE SWPE

When a lifting panel is added to • body at low angles of attack, certain mutual interference effects may arise between the
components. These can be classified as (a) the effect of body upwash or cross Rowan the local angle of attack of the
lifting panel. (b) the effect of local body-flow properties such as Mach number and dynamic pressure on the panel
characteristics, (el the effect of the lift carryover from the panel onto the body, (d) the effect of panel upwash on the
body ahead of the panel (at subsonic Speedll only). and (e) the effect of the panel lifting vortices on the body behind
the wing. These interferences are generally small for configurations with large panel-span-to-body.diameter ratios typified
by conventional, long-range subsonic aircraft. For these configurations the lift-curve slope of the combination is essentially
the lum of the lift-curve slope! of the components. For configurationl in which the panel-Ipan-to-body-diameter ratio is
small, luch as conventional missiles or canard surfaces, these interference effects mUlt usually he conliderecl.

A. SUBSONIC

At subsonic speeds the wing-body (tail-body) interference effects are particularly difficult to estimate. Each of the inter
ference effects dillCuued in the introduction is dillCulSed below for thil lpeed regime.

Body Upwa.h (Cro.. Flow)

In potential flow, a cylinder with the axis nonnal to the Row has a maximum velocity at the ends of the diarneten nonnal
to the Row equal to twice the free-stream velocity. An inclined cylinder can be treated by considering the cylinder to be
in a combined axial and crou Row. The cron-f1ow velocity il thus equal to 2Vsin 0 and serves to increase the local
angle of attack of the lifting panel. In practice only about 40 percent of the full potential velocity is attained (see refer·
ence 1).

Body Flow Field (Axial Flow)

The perturbationa in the potential flow field about a three-dimen~ional body are leu than those for a corresponding two·
dimensional body. For example, the local velocity about a three-dimensional body varies as l/rl and about a two
dimensional bcdy as l/r, where r ie the distance from the body centerline. Nevertheless, theeBects of these pertur
bations can become significant and have sometimes heen used in refined design analysis. However. for purposes of the
Datcom, these eft'ects are considered to be outside the lICOpe of the book. Reference 2 contains ~ theoretical development
that uses a diatributed source-sink and doublet representation for elongated bodies. This method i. belt euited to machine
computation.

Panel Lift Carryover

SKETCH Cal

---- WING·BoDY
- - - WING ALONE

M
.......~-.8

~~C:1

The carryover of the panel loading onto the body ia calculated in reference 3 by meana of a conformal mapping procedure.
The lift that includes this carryover eft'ect is always leu than
the lift of the groaa panel. No method ia included in the Dat·
com at the present time for estimating this effect.

1.0•0 ....-----------....-o
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SKETCH (b)
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The combined effect of the lift carryover and the body upwaah is shown for several Mach numbers in sketch (a) above.
The comparison of the isolated panel and the combination indicat~ that ,these two effects tend to compensate for each
other. The increment in lift-curve !Ilope due
t·) these effects is shown in sketch (b) as a
function of body size and Mach number.
The smaller bodies tend to increase the lift·
c'une slope and the larger bodie!l tend to .o.CL(l
decrease it.

0t"':;;...-------.-------~~,;b

Panel Upwash

The induced effects of the bound and trailing vortices of the panel are such as to cause an upwash ahead of the parle!.
The up wash is a maximum at the panel leading edge and rapidly decays with distance forward. These effects are more
important for pitching-moment considerations than for lift.

Panel Vortices

The downwash behind the panel due to the bound and trailing vortices reduces the effective angle of attack on the aft
portion of the body and hence reduces the body lift. Again the effect on the lift of the combination is invariably small;
whereas the effect on pitching moment i. more significant. -These latter two effects have been successfully treated by
Muhhopp Ireference 41.

A simple, yet relatively accurale, approach to the problem of wing· body interference is given in reference 5. In this
reference a method based primarily on slender-body theory is presented for calculating the ratio of the lift of the wing
body combination to thai of the wing alone. The derivation of the interference effects in terms of Ihese ratios permits the
extension of the method to nonslender configurations. The reason for this is that in certain in!ltances slender·body theory
accurately predicts the ratio of the wing.body lift to wing lift, even thou{';h it does not accurately predict the magnitudes
of the individual lift-curve slopes.

SKETCH leI

The specific case of a conical body mounled on a delta wing (sketch
(cl ) has been solved by Spreiter in reference 6. Slender·body theory
is used 10 oblain the ratio of the wing.body Jift to that of the wing
alone. Correlation wilh experimental data by Ihis method is good
Ihroull:hout the speed range. In this Section, charts are presenled for
the determination of the appropriate wing-body interference ratios by
mealls of Ihe methods of references 5 and 6,

The methods are applicable to axisymmetric bodies in combination with straight.taper wings and are restricted to
un banked wing. (uro roll angle). According to the limitations of slendt"r.body theory, the methods of references 5 and 6
are not applicable to wings with sweptback trailing edges. Nevertheless. experimental data (see sample problems) indicate
thai good correlations can be obtained for these configllrations.

The definilion of exposed wing area depends upon the geometry of the wing-bod), combination. Two cases are illus
trated in sketch (d) below. For a wing mounted on a cylindrical portion of a body the exposed wing is defined as the
exposed half.wings joined together. For a wing mounted on an expanding section of a body the exposed wing is defined
as the parts of the wing outboard of the largest hody diameter at the wing-body intersection.

When the win~ i. nlounted on a cylindrical body section,thenoae of the body is defined as the seclion of the body ahead
of the wing. When the wing is mounted on an expanding portion of the body, the nOIe is defined as the expanding portion
of th. body.

The lane'r definition i. recommended in reference 5 for the case of a configuralion with. small body-diameter-to-wing-

4.3.1.2·2



EXPOSED
WING
AREA

EXPOSED
WING
AREA

SKETCH (e.)

Ai••••••••••••IT

4.3.1.2·b

span ratio; but for the case of a relatively large body-diameter-to-wing-span ratio with the wing extending the entire
length of the body (see sketch (c) ). the use of this definition can lead to substantial error.

DATCOM METHODS

Method I (reference 5)

This method is applicable to configurations such as those in sketch (d). The lift on a wing-body combination is taken to
be the sum of three principal components:

1. Lift on nose including forebody {see sketch (d" upper configuration)

2. Lift on wing in presence of body

3. Lift on body due to the wing

Two cases of wing-body interference are considered. The first case is that in which the wing incidence is fixed relative to
the body and the angle of aUack is varied for the wing-body combination as a unit. The second case is that in which the
body angle of attack remains fixed and the wing incidence varies relative to the body.

For the first case - wing fixed at zero incidence - the equation for wing-body lift-curve slope based on the total projected
wing area, including that intercepted by the fuselage, is:

(CL.)wn = [ K, + Kw(n, + Ku(w,] (CL .). ~:, 4.3.1.2·.

The quantities K!,:, KWIBh and KB(WI represent the ratios of the nose lift, the wing lift in the presence of the body, and
the body lift in the presence of the wing, respectively, to the wing-alone lift. For wings mounted on expanding bodies, the
same procedure, with application of the definitions of sketch (d) in the discussion, usuaHy yields satisfactory results.
Configurations similar to that of sketch (c) are treated separately, in later paragraphs.

For the second case - fuselage fixed at zero angle of attack and wing incidence varying - the equation is:

(CLi)Wll = [kw(Il) + kllnl"l] (CLa ),. ~::
For both equations above, the best results are obtained for configurations in which the body radii do not exceed 80
percent of the total wing semispan. For larger ratios, the aerodynamic characteristics of the combination tend to be
determined more by the body than by the wing.

4.3.1.2-3



The parameters common to equations 4.3.1.2-a and 43.1.2-b are determined as follows:

5,.

= total projected wing area

-=..: exposed wing: area. Exposed wing is defined as the expo~d half·wings joined together for configurati(ln~

in which the wing: is mounted on a cylindrical ~ection of the bod~' (see sketch (dL upper configuralinnL
For wings on expanding: portions of bodies, the exposed wing area is the area outf'ide of the nwximum
body diameter (see sketch Cd) , lower configuration).

= lift·curve slope of exposed wing based on exposed wing area and exposed aspect ratio. Determine from
Section 4.1.3.2.

(CLa)s SNrl'f
- (CL.). s.

(CL,,) ~ = nose Jift·curve slope. In most cases 8 value of 2 per radian (based on body frontal area) is sufficiently
accurate. For cases where a higher degree of accuracy is required. use Section 4.2.1.1.

S:-':I'~( = reference area for nose lift-curve slope, usually .".rz

•KW/Bl is obtained from figure 4.3.1.2-10

•KB(Wl is obtained from figure 4.3.1.2·10

kwlB ) is obtained from figure 4.3.1.2-12a

kB(wl is obtained from figure 4.3.1.2-128

Method 2 (reference 6)

This method is applicable to configurations similar to that of sketch (c).

The wing-body lift-curve slope is given by the following equation:

(CL.)",n = K(",n, (C'.•hv
where

4.3.1.2·c

is the wing lift-curve slope from section 4.1.3.2 (based on total wing area)

is obtained from figure 4.3.1.2·12c

Comparison between experimental and calculated wing-body characteristics for a large number of cases (reference 5)
shows that the lift of the wing.body combination is generally estimated by these methods to within ± 10 percent.

Sample Problem

Given:

r
~$t=~:::=--- b

\.-J_-----Jl
A=3

.ALE = 19.1 0

A = 0.4

d
b = 0.145

Compute:

A, = 0.438

A, = 2.74

~: = 0.802

S~:, = 0.0617

Ar /2 ::; 0

(C,.• ), = 3.23 (figure 4.1.3.2·49\

K
_ (CL.h SN", _ 2 _

x - (C) 5 - '2~ l'06I,l - 0.037
L II • .. oJ••

*The calculation (Reference 10) of the sum of "w(BJ and K
BIW

) can be expressed in terms of the planform geometry as follows

~IB)+KBIW) • (~+ ,)'
4.3.1. 2-4



M = .25

.RI = 2 x 10' to 8 x 10" (based on wing MAC)

Note: This is config:uration -1 of reference 7

Solution:

KW<R' = 1.12 (figure 4.3.1.2·10)

KTiI WI = 0.20 (fi~ure 4.3.1.2·10\

(CLIt ) Wfl = [ K'\ + K\\lll' + K lIi \\"j ] (el.,,) p .~~_ = 3.51 per radian (equation 43.1.2-a)

This compares with an experimental value of (C...·
n

) \\"ll = 3.:U (figures 6 and 21 of reference 7).

B. TRANSONIC

For slender willl!.body conn.;:::urations. the aerodynamic interference effects are relati'·ely insensitive to Mach number.
and ~Iendf'r wing.hOfh theory f!in'!< reasonahle results. For nonslendn confip:uratiulls transonic interferencf' effeds can
hecome quite lar~e and sensitive 10 minor ("han~es in local contour. At present. the"e effects cannot he predicted with
an\' accuracy.

DATCOM METHOD

The method, which is based on s.lendt'f-hoo~· theory. pres.ented in Paragraph C helow should hf' applied at transonic
!lopeeds.

C. SUPERSONIC

The mutual aerodynamic interference between a panel and a body at supersonic speeds at low angles of attack is due
primarily to the upwash of the body and the lift carryover of the panel onto the body. The body upwash appears similar
to its subsonic counterpart, that is. the upwash is a maximum at the body surface and decays with increasing distance
from the surface. The integrated effect over the span of the panel at positive angles of attack increases the lift-curve slope

of the panel.

The lift carryover on the body is displaced downstream parallel to the Mach lines, as illustrated in sketch (e) below.
Important lift and moment differences can therefore exist hetween configurations in which the fuselage terminates at
the wing trailing edge and those in which the fuselage extend!" heyond the wing trailing edge.

LIFT
CARRYOVER

, /, ", "

SKETCH (,.j

These effects have been adequately predicted by slender-body theory in references 5 and 6 (see paragraph A above).

The local Mach-number and dynamic-pressure-ratio perturbations due to the axial flow component can also cause
significant changes in the characteristics of the panels when the local body slopes in the vicinity of the panel become
large_ These perturbations decay with increasing distance from the body surface. This decay is more rapid than that in
the corresponding two-dimensional case, because of the three-dimensional aspect of the body flow field. Sudden changes

4.3.1.2·5



in contour like flare or hoattail corners, cause 8 two-dimensional Mach-number and dynamic-pressure-ratio change at
the surface that then decays in a three-dimensional manner. Two-dimensional compression values for dynamic pressure
and ~1ach number are 8iven by equations 4.4.1·Z and 4.4.1-aa,respectively, and corresponding expansion values are
given in figure 4.4.1-74.The average values of these parameters acting on a panel are always less than the two-dimensional
values.

DATCOM METHODS

Two methods are presented for estimating the lift-curve slope of wing-body or tail-body combinations. These methods,
which are based on slender wing-body theory, are the same as those used in the subsonic paragraph.

Method I:

(4.3.1.2.•)

(4.3.1.2·b)(b)

(.)

Two cases are presented: (a) panel fixed at zero incidence to the body and angle of attack of the combination varied
and (b) body kept at zero angle of attack and wing incidence varied. The lift is given by the following equations:

(CL.)w. = [KN + Kw,., + K.,w,] (CL.). :~

(CL,)WB = [kW'B' + k.,w,] (CL.). ::

The basic definitions and limitations for these equations are the same as those discu88ed in paragraph A aLuve. However,
special care must be used in specifying the "k" factors. These are summarized for the supersonic speed regime below.

(CL.) NSN",

(CL.). S.

all planlorms use figure 4.3.1.2·10

triangular-type
planforms I

I! pA, =:; I,

I! pA, > 1,

use figure 4.3.1.2·10

and the fuselage extends beyond wing trailing edge, use figure
4.3.1.2·11a

and the fuselage does not extend beyond the wing trailing
edge, use figure 4.3.1.2-11b

II A
(

tan A , E )P ,(I + A.) f3' +1 =:;4, use figure 4.3.1.2·10

nontriangular
planforms

I! PA.(I + A.lean
: LE l

and fuselage extends beyond wing trailing edge, use

)
figure 4.3.1.2·11a

+1 >4,
and fuselage does not extend beyond wing trailing
edge, use figure 4.3.1.2·11b

is obtained from figure 4.3.1.2·12b

i. obtained from figure 4.3.1.2.12.

Method 2:

This method is applicable to configurations similar at that of sketch (c) and is identical to that presented as Method 2 of
paragraph A.

4.3.1.2·6



$omple 'roblema

1. Supenonlc Ufl-Curve Slope of Wlng.Body Comblnallon

Given:

A ~ 1.34

A~O

Airfoil: 8-percent-thick double
wedge (free·stream direction)

db ~ 0.428

M ~ 2.02

R ~ 2.6 X 10' (based on rool chord)

Note: This is configuration 2
of reference 8.

Compute:

he = 0

A. ~ 1.34

;: ~ 0.328

S5:', = 0.590

P ~ 1.75

A. tan ALB = 4

--.l!- ~ 0.584
tan ALB

[(C. a ).).••", ~ 1.65 (Seclion 4.1.3.2)

[(C(C)a~. ~ 0.94 (Section 4.1.3.2) based on 8.L ~ 14.5a
N. e tb.ort

(CN.). ~ 1.55

-1.-= 0.526
N •

(CNa). = 2.47 (Seclion 4.2.1.1)

K",a, = 1.38 (figure 4.3.1.2-10)

pd = 0.875
c'.

Ka,,,,P (C.a). (A. + 1)(: -1) = 2.1 (figure4.3.1.2·lIa)

P (Ao + 1)(* -1) = 2.35

Ka,,,, = 0.576

Solution:

5;:.1 = 0.936

(C••)"a = [K. + Kw•a, + Ka,w,l (C••). ;: = 1.47 (equalion 4.3.1.2·a)

This compares with an experimental value of (CL.)wa = 1.57 from reference 8.

4.3.1.2-7



2. Supereool. UfI-Curve Slope - WiD« In Preoea"" of Bod)'

ClUe One: Wing incidence fixed.t i. = 0, fUlelage rotating with wing

Given: Compute:

~
f

d
·~ h/2

--==::::::::::==:=::~_,.~===tJ__

A., = 0

A. = 2.31

fJ = 1.62

A = 2.31

),=0

Airfoil: 9·percent-thick biconvex
(free-stream direction)

d
b = 0.23

M = 1.9

--lL- = .935
tan ALE

[(CN.).] ...." = 2.38 (Section 4.1.3.2)

[c(C··I· = .75 (Seclion 4.1.3.2) based on 8.1 = 20.7'
( N.) e tbeory

(CN,). = 1.79

Kw ,., = 1.2 (figure 4.3.1.2·10)

R1= 1.9 x 10' (based on root chord)

Note: This is the delta-wing configuration in reference 9.

Solution:

Since only the Hft on the wing il of interest, the reference area is the exposed wing arca, and equation 4.3.1.2-. reduces
to

(CL.)w.,., = Kw,., (CL.).

Thus the wing lift in the presence of the body i. (CL.. )W,UII = 2.15

The experimental value from reference 9 is ((La) W"IBI = 2.22

Ca.se Two: Body fixed at a. = 0, wing incidence variable

Given:

Same all Case One

Compute:

kw ,., = 0.96 (figure 4.3.1.2·12b)
Other coefficients lame .1 in Case ODe

Solution:
Again only the wing lift is of interest. Equation 4.3.1.2·b becomes

(CL.)w.,., = kw,., (CL.).
= 1.72

The experimental value from reference 9 is 1.67.

4.3.1.2-8
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4.3.1.3 WING·BODY LIFT IN THE NONLINEAR ANGLE-OF-ATfACK RANGE

The mutual interference factors that influence the lift of a wing-body or a tail-body combination at low angles of attack
l see Section 43.1.2) are also present at higher angles of attack. These include the nonlinear characteristics of the basic
wing and body components (see Sections 4.1..3.3 and 4.2.1.2, respectively).

In addition, at angles of attack of approximately six degrees body vortices appear that can have strong influences on the
loading on the lifting panels. The flow separates just behind or above the area of minimum pressure along the side of
the body near the nose and wraps up into a pair of s}mmetrical vortices that proceed downstream 1n a nearly free·stream
direction. The point at which separation first takes place nepends upon the angle of attack /the higher the angle of attack,
the nearer the nose separation occurs). the nose profile shape Ithe blunter the nose, the nearer the nose separation
occurs I, and body cross-sectional shape (sharply curving lateral contours promote early separation 1. The vortices in
crease in size and strength with increasing downstream distance. Since their strength also increases as the square of the
angle of attack, they become quite significant at the higher angles of attack.

Quantitatively, these vortices do not change significantly between subsonic and supersonic speeds. This fact is sub
stantiated by reference 1, which derives from supersonic data a method of estimating the cross-flow lift that gives equally
reliable answers at subsonic and supersonic speeds_ This is the method presented by the Datcom for handling the effects
of these vortices on lifting surfaces at both subsonic and supersonic speeds.

A. SUBSONIC

Two methods of estimating the lift of wing-body configurations in the nonlinear angle-of-attack range are presented.
The first uses the estimated nonlinear lift characteristics of isolated wings and bodies corrected by the slender-body
interference factors used in Section 4.3.1.2. The effects of the body vortices are then added. This method is valid up to
high angles of attack and is the more accurate of the two methods, though more laborious to use.

The second method simply uses the linear methods of Section 4.3.1.2 and adds the effects due to the body vortices. This
method can be used with a minimum of effort but is less accurate than the first method because it does not include the
nonlinearities of the basic components.

DATCOM METHODS

Method I

The variation of lift with angle of attack is determined by the equation

4.3.1.3-.

where

(C:,,) ~ is the nose normal-force coefficient at a given angle of attack based on body frontal area S:""l'f from
Seclion 4.2.1.2

KW(R) and Knn\') are the mutual linear.theory interference values from figure 4.3.1.2-10

(C:-,:) e is the normal-force coefficient, at any given angle of auack, for the exposed wing (calculated by the
method of Section 4.1.3.3 and based on exposed wing area)

I,U(W) is the vortex interference factor for a lifting surface mounted on the body center line.
This factor is given in figures 4.3.1.3-7a through 4.3.1.3-7Q for various wing taper ratios,
relative wing sizes, and vortex-center line positions. In using these figures a possible
problem can develop when interpolation must be made with respect to A and
r/(bw/2). For positions of the vortex near the body, the interpolation in r/(bw/2) can

carry the vortex inside the body. Under these circumstances, it is recommended that the
interpolation be made using (Yo - r)/(bw /2 - r) for the vortex lateral position in place
of Yo /(bw/2), to avoid vortex positions inside the body. These figures are derived by
means of strip theory in reference 2.

4.3.1.3-1
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The verlIcal and lateral vortex positions at any given longitudinal station x can be
determined from figures 4.3.1.3-13b and 4.3.1.3-14, respectively. These figures are
based on the data of references 3,4, and 5, for an ogive-cytinder, a cone-cylinder, and a
modified cone-cylinder, respectively. The longitudinal position of vortex separation used
in these ligures is obtained from figure 4.3.1.3-13a, which is based on the ogive-cylinder
test at a Mach number of 1.98 from reference 3.

is the nondimensional vortex strength from figure 4.3.1.3-15, which is also based on the data of refer
ences 3, 4, and 5.

is the ratio of the radius of the body at the midpoint of the exposed root chord of the lifting panel to
the semispan of the panel.

is the dynamic pressure ratio acting on the panel. This value can either be assumed to be unity or
can be estimated, with the information in Section 4.4.1 85 a guide.

(CLa ) W is the lift-curve slope of the isolated gross panel from Section 4.1.3.2.

Method 2

The variation of lift with angle of attack is given by the equation

4.3.1.3·b

where the first term on the right-hand side is given by the method presented in Section 4.3.1.2 and the second term is
determined as in Method 1.

The last terms of equations 4.3.1.3-a and -b, respectively, which represent the contributions of the body vortices, can
normally be ignored for normal airplane-type wing-body combinations. For conventional missile configurations, these
effects may become sizable.

Sample Problems
1. Method 1

Given:

Airfoil: NACA 0005

M = 0.2

q/qoo = 1.0

5,,,, = 0.238
S.

Aw = A., = 2

Aw = Ae = 0

~ = 0.518
Sw
d

- = 0.280
hI\'

4.3.1.3·2

r

bw/2 0.280

~ = 21.10
r

where
x = distance from nose to
c/4·point o!the MAC of the
exposed wing panel.



The following lift variation with angle of attack (from test data J

a(deg) (C N ), (CN ) •

0 -.010 0

4 .035 .150

8 .175 .300

12 .430 .430

16 .810 .700

The following lift·curve slopes

(CLa ), ::= 2.12 per radian (test data)

(CLa)w = 2.34 per radian (methods of Section 4.1.3.2)

(CLa)N = 2 per radian (slender-body theory)

(CLa). based on S.

(CLa) w based on Sw

(CLa)N based on SNrer

Compute:

(CN ) N is based on SNrel

(CN)e is based on Se

KWIBl = 1.240 f
(figure 4.3.1.2-10)

KB(w) = 0.420

The lift variation with angle of attack for the winS·body configuration, excluding the effect of body vortices, is calculated
as follows:

~ = CN= {(CN)N SNn , + [KWIBI + K BIW'] (CN)'}~ (equation4.3.1.3-a)
OOSa ~ ~

CN

a without CL
deg vortices = CNcos G.

effect

0 -.001 -.001

4 .133 .133

8 .280 .277

12 .423 .414

16 .701 .674

The calculation procedure for the effect of body vortices on lift variation with angle of attack is shown below.

x
...!. (figure 4.3.1.3-13a)
r

~ - .!!.. ::= 21.10 - ~
r r r

G. (: - :.) (4 in radian!))

4.3.1.3-3



~ (figure 4.3.1.3·13h)
r

y. (figure 4.3.1.3·14)
r

r
-2V (figure 4.3.1.3·150)
... r

Yo _ Yo r
hw /2 - r hw/2

~ Zo r
hw/2 = r hw/2

I••,W) (figur.. 4.3.1.3·7 ••, 4.3.1.3-7h., and 4.3.1.3-7c , interpolated for h:f2 = 0.280)

_r_ l (eL ) • = 0.280 (1.0) (.0408).° = 0.0114<>°
bw/2 qoa • 'If

The solution for the vortices effect is

The details of the calculation for vortices effect are shown below.

0 <!l <!l (!) <!l (!)

• x, .(: - ~) ll. z, r
de8 r r r 2m.Vr

0 - - - - -
4 - - - - -
8 16.90 .58 .58 1.06 .51

12 11.25 2.05 .69 1.54 .82

16 8.55 3.50 .74 1.84 1.13

0 (!) <!l <!l @

lift due to
• -l!..- ..

I ••(W)
body vortices

deg hwf2 hw/2 = 0.01140 <!l (!)

0 - - - -
4 - - - -
8 .162 .297 -.22 -.0102

12 .193 .431 -.31 -.0348

16 .207 .515 -.38 ....0783

4.3.1.34.



The solution for the lift variation with angle of attack of the wing-body configuration, including effect of body vortices,
is shown below.

CD (j) (j)

CL CL CL• without
deg vortices due to

effect body vortices =CD+(j)

0 -.001 - .001

4 .133 - .133

8 .277 ~.0102 .267

12 .414 -.0348 .379

16 .674 -.0783 .596

2. Method 2

Given:

The same configuration and characteristics 8S in Method 1 above.

Compute:

K
N

= (CLII)N SNrer Sec
(C

L
.). s. ( tion 4.3.1.2)

2
= 2.12 (.238)

=0.225

KW(B) = 1.240 f
oee Method 1 above

KB1W , = 0.420

The lift variation with angle of attack for the wing.body configuration, excluding the effect of body vortices, is calculated
as follows:

CL = [KN + KWIBI + KBCW )] ;~ (CL~)e a. (a in degrees)

= [.225 + 1.240 + .420] (.518) (.0370) •

= 0.03613 • (. in degr...)

The lift due to body vortices is the arne as that calculated in Method 1 above. The total lift variation is shown below.

(j) (j) (j)

CL CL CL• without vortices dueto
deg effect body vortices =CD+(j)

0 0 - 0

4 .144 - .144

8 .289 -.0102 .279

12 .434 -.0348 .399

16 .578 .....0783 .500

4.3.1.3-5



B. TRANSONIC

At transonic speed. compression and expansion waves interact at much greater distances from the body than at super
sonic speeds. The diMurbanees in the flow field extend to greater distances from the body surface than at subsonic or
supersonic speeds. With a knowledge of conditions at the surface of a body, the characteristics of a lifting surface
mounted on the body can be approximated by assuming that the flow disturbances propagate undiminished in a direction
normal to the free stream. An excellent discussion of methods of calculating surface pressures on bodies of revolution
at zero angle of attack is given in reference 6. However, the corresponding problem at angle of auack is not well covered
in the literature.

At angle of attack, the appearance of body vortices due to viscous separation effects is exactly analogous to that which
occurs at subsonic or supersonic speeds.

DATCOM METHOD

No explicit method is presented in the Oatcom at the present time, because of the complexity and uncertainty of estimat·
ing nonviscous transonic flow properties. It is recommended that the methods detailed in paragraph C he used at tran
sonic speeds.

C. SUPERSONIC

The discussion of the potential flow field about a body at angle of attack, given in Section 4.2.1.2 .is directly applicable
to this Section, and therefore no new information is presented. Body vortices ate also present at angles of attack in
excess of approximately 6°. The physical mechanism of these vortices and their effect upon lifting panels are the same
as at subsonic speeds; they are discussed in some detail in paragraph 1\.

DATCOM METHOD

Two methods are available for estimating the lift of wing-body configurations at supersonic speeds. These can be repre
sented by equations 4.3.1.3-a and -b, respectively, of paragraph A. Because of the similarity of the application of these
methods, the sample problem of paragraph A suffices to illustrate these methods.

REFERENCES

1, Kelly, H. R.: The Estimation of Normal-Force, Drag, and Pitching·Moment Coefficients for Blunt·Based Bodies of Revolution at Large
Angles of Attack. Jour. Aero. Sci., Vol. 21, No.8, August 1954. (U)

2. Pitts, W. c., Nielsen, J. N., and Kaaltari. G. E.: Lift and Center of Pressure of Wing·Body-Tail Combinations at Subsonic, Transonic,
and Supersonic Speeds. NACA TR 1307, 1959. (U)

3. Jorgensen, L. H. and Perkins, E. W.: Investigation of Some Wake Vortex Characteristics of ;,n Inclined Ogive-Cylinder Body al Mach
Number 1.98. NACA RM A55E31, August 1955. (U)

4. Mello, J. F.: Investigation of Normal·Force Distributions and Wake Vortex Characleristics of Bodies of Revolution al Supersonic Speeds.
APL/JHU Rep. CM 867, Johns Hopkins Univ., April 1956. (0)

5. Raney, D. J.: Measurement of the Cross Flow Around an Inclined Body at s Mach Number of 1.91. Brilish Repon RAE TN Aero 2357
(ASTIA AD 82 343). Janua..,. 1955. (V)

6. Spreiter, J. R.: Aerodynamics of Wings and Bodies at Tran~hic Speeds. Jour. Aero. Sci., Vol. 26, No.8, August 1959. (U)
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4,:1.I,4 WINCBODY ~IAXDll'\1 LIFT

A SUBSONIC

The addition of a body of revolution to a wing at high angles of attack increases the wing-induced
angle of attack at all spanwise stations, The increase is greatest at the root and falls off in an
exponential manner with increasing distance from the body,

This effective increase in angle of attack tends to make the wing in the presence of the body stall at
a lower geometric angle of attack than that corresponding to the wing alone, However, this
tendency to stall at a lower angle of attack may be modified or counteracted by changes in the wing
stalling pattern, These changes are the result of the nonlinear spanwise variation of body-induced
flow and also of the partial blanketing of the wing by the body, The relative magnitudes of these
latter two effects are largely dependent on specific wing planform shape, This means that wing
planform shape is a primary parameter in considering wing-body maximum lift.

Varying the wing height on the body, the body cross-section shape, or the body local area
distribution (area rule) changes the body-induced effects on the wing and hence the maximum lift
of the combination. Experimental data on variations of this type show small but generally
consistent differences (see References 1,2,3, and 4).

The first method presented below is essentially that of Section 4,1.3.4, in that it requires the user to
employ the most accurate wing-body spanwise-Ioading computer program available. In case no such
program is available to the user, an alternate empirical method is presented as Method 2.

DATCOM METHODS

Method I

This method requires that the user have at his disposal an accurate wing-body spanwise-Ioading
computer program, e.g., a lifting-surface-theory computer program. Specific instructions for
application of the program to obtain the wing-body maximum lift are identical to Steps I through 4
of Paragraph A in Section 4.1,3,4, which pertain to the wing-alone case,

No substantiation of this method is presented because of the variety of spanwise-Ioading programs
that are available to different Datcom users,

Method 2

This method is based on empirical correlations and the wing-alone method of Section 4.1.3.4, and
should be restricted to Mach numbers equal to or less than 0,60. The wing-body maximum lift
coefficient and angle of attack at maximum lift are obtained using

4.3,1.4-a

(<>c )
Lmax WB

(<>c )
Lmax WB

(<>c )
Lmax W

(ae )
Lmax W

4.3.1.4-b

4.3,1.4-1



(C 1IllJ \ )w

(0'(' )
Lmax W

j..; tht' ratio 01 the wing-body maximum lift to wing maximum lift, obtained
from Figure 4.3.1.4-11b as a function of wing-body geometry.

IS the wing maximum lilt obtained from the appropriate method of
Paragraph A in Section 4.1.3.4. The wing-alone value is based on the total wing,
includIng that part covered by the body.

is the ratio of the wing-body angle of attack at maximum lift to the wing angle
of attack at maximum lift. This value is obtained from Figure 4.3.I.4-12c as a
function of wing-body geometry.

is the wing-alone angle of attack at maximum lift obtained from the
appropriate method of Paragraph A in Section 4.1.3.4. The wing-alone value is
based on the total wing, including that part covered by the body.

A comparison of test data from References 5 through 17 with results calculated by this method is
presented in Table 4.3.I.4-A.

Sample Problem

------

Given: Configuration 4 of Reference 14.

r
b

'--J__t
A = 3.0 J\LE = 19.1 0 A ~ 0.4

Airfoil: 3-percent biconvex (free-stream direction)

d
= 0.145

b
M = 0.25

= 0.77

Obtained using Section 4.1.3.4

(ac,. )
'4T1ax W

Compute:

4.3.1.4-2

(Figure 4.3.1.4-12a)



(C2 +I)AtanALE = (1.10+1)(3)(0.3463) = 2.1~

(Clm·,)WB

(Clm., )w

("c, )
'max WB

(ac )
Lmax W

Solution:

0.98

= 0.99

(Figure 4.3.1.4-12b)

(Figure 4.3.1.4-12c)

("c )
Lmax WB

= (0.98) (0.77)

= 0.75

l"cL )max WB
--~.:: (ac )
("c ) lm., W

t..",axw

= (0.99)( 15 .9)

(Equation 4.3.1.4-a)

(E~uation 4.3.I.4-b)

These compare with test-data values from Reference 14 of (Cl ) = 0.71 and (aCL ) = 14.30

max WB max WB

B. TRANSONIC

No method is presented in this speed regime. The lack of sufficient experimental data prevents the
presentation of any empirical method. However, the trend of the limited data available
(Reference 5) indicates that the wing-body maximum lift converges to the wing-alone value as the
Mach number is increased above M = 0.6.

C. SUPERSONIC

Two separate methods are presented in this section for estimating the wing-body maximum lift at
supersonic speeds. The first method is somewhat easier to apply than the second method. Both
methods yield approximately the same degree of accuracy, based on the limited available test data
(References 18, 19, and 20). Attempts to substantiate these methods completely have been
impaired by lack of test data in the stall regime.

4.3.1.4-3



The first method is based on the application of the wing-body interference coefficients of Section
4.3.1.2 to the exposed-wmg-alone maximum lift of Section 4.1.3.4. This approach is justified, since
Jt supersoni .... and hypersoni-.: speeds the wing lift is limited by geometric considerations rather than
by !low separation on the wing. That is, maximum lift is reached when the component of the
Ill)Tmal force in th~ lift diredion ceases to increase with angle of attack. Therefore, the
hody-indu .... ed effects 3rc felt mainly through their influence on the lift-curve slope, rather than on
wing separation. This implies that the supersonic maximum lift of the wing-body combination may
he obtained by applying wing-body interference coefficients to the wing-alone maximum lift value.

fhe second method uses the method of Section 4.3.1.3 to calculate the complete normal-force
L"UrvC. frolll which the lift curve can easily be calculated.

Hath methods assume that the angle of attack at wing-body maximum lift is the same as the angle
or attack for wing maximum lift.

DATCOM METHODS

Method I

ThiS method applies the wing-body interference factors from Paragraph C of Section 4.3.1.2 to the
wing-alone maximum lift coefficient. The limitations of the sections used in this method will also
apply to this method. The wing-body maximum lift, based on Sw, is found by

where

(c L ) = (CL ) [KN + KW(B) + KBlwll
max WB max e

4.3.1.4-a

is the exposed-wing-alone maximum lift coefficient determined by Paragraph C
of Section 4.1.3.4. (For the definition of exposed wing, see Section 4.3.1.2.)

are the wing-body interference factors from Method I of Paragraph C of
Section 4.3.1.2.

is the ratio of the exposed wing area to the total wing area.

No substantiation of this method is presented; however, application of the method is illustrated in
Sample Problem I.

Method 2

Application of this method is restricted to straight-tapered planforms. The wing-body maximum lift
is determined by using Equation 4.3.I.3-a to obtain the normal force CN as a function of angle of
attack. Then the lift curve is constructed by using the approximation CL '" CN cos 0<, from which
the CLm • x value is obtained. The determination of the nose contribution term (CNh, of Equation
4.3.1-3-a may present somewhat of a problem, since the supersonic design curves (Section 4.2.1.2)
are inadequate at the higher angles of attack. Consequently, it is suggested that Method 2 of
Paragraph D of Section 4.2.1.2 be used for determining (CNh, in the high angle-of-attack regime.

4.3.1.4-4



No subst<tntiation of this method is presented. however. application of the method is illustraled III

Samp!t' Prohkm 2.

Sam pie Problems

I. Method I

Given: The wing-body configuration of Reference 19.

-~t-------1-

Total Wing:

A = 1.15

c
t

= 3.30 in.

Exposed Wing:

A, = 0.97

S, = 0.268 sq ft

x = 0.3

A = 63 0
LE

0.354

b = 8.26 in.

Sw = 0.409 sq ft

b, = 6.13 in.

C, = 11.0 in.

Airfoil: nat plate

c = 9.31 in.
"

Additional Characteristics:

£8 = 10.65 in.

Compute:

d 2.13 in. LER = 0.125 in. M = 1.97;P = 1.70

A, tan ALE = (0.97) (1.963) = 1.904

1.70
= = 0.866

1.963

tan ALE (C )
Na th,a,y

3.175 (Figure 4.1.3.2-56 interpolated)

3.175

1.963
= 1.617 perrad

4.3.1.4-5



1.0 for a flat plate (Figure 4.1.3.2-60)

eN = 1.617perrad
"

4

( I .70) (1.617)

4
= 0.687

I

M
=

I

1.97
0.5076

(
CL ) = 0.985

max e
(Figure 4.1.3.4-27a)

KN = 0, since nose does not extend ahead of wing apex

d

b

2.13

8.26
0.258

(Figure 4.3.1.2-10)

(1.70) (2. iJ)
= -'-----'-----'--

9..11
= 0.389

(J cot ALE = (1. 70) (0.5095) = 0.866

(Figure 4.3.1.2-llb)

Solution:

2.5

(1.70) (I." 17) (1.354) (8.26 - I)
2.13

2.5

10.71
= 0.233

= (0.985) (0 + 1.22 + 0.233) (0.268) - 0.937
0.409

4.3.1.4-6

(Equation 4.3.1.4-a)



(FIgure 4.1.3.4-27b)

ThIS compares wIth a test value of C = 0.94 and "'c =42 0
Lmax Lmax

2. Method 2

Given: Same configuration as Sample Problem I.

A 1.15 " = 0.3 0.409 sq ft

S, = 0.268 sq ft

= 1.22

0.233

Airfoil: flat plate

(Sample Problem I, above)

M = 1.97; {3 = 1.70

Compute:

(CN)N = 0, since nose does not extend ahead of WIng apex

{3 1.70
= -- <I

tan ALE 1.963

Step I.
(CN.), = 1.617

Step 2. Empirical Pa,ameler t.

(subsonic leading edge)

(see Paragraph C of Section 4.1.3.3)

tan ALE

1.92

1.963
= > I, therefor~use equation:

1.92

[

tan ALE
E - Ic )- \ N., 1.92 (

tan ALE
+C

1.92

4.3.1.4-7



c ; 0

; 0 for flat plate

(Figure 4.1.3.3-59a)

(see sketch On Figure 2.2.1-8)

E

Step 3.

[
1.963 (1.963(1.617) -- + (0) --
1.92 1.92

1.653 per rad

E 1.653
1.70

1.963
; 1.432

1.0 for a flat plate (Figure 4.1.3.2-60)

(C No: ) theory CN
0

{J tan '" ; fJ tan "'; =
C N (CNo) theorY

fJ tan '" fJ tan '"
0

Step 4.

(CN)
sin 2",

= CN + CN sin "'Isin "'I (Equation 4.1.3.3-a)
e 0 2 00

CD @ @ 0 @ ® G) ® ® @

sin 2a

CN sin2 ", (CN~-2- CN sin2o: (CN)
0 1 QQ 00 e--

@2 {1.617)G)/2 0® ®+®(deg) t3 tan 0: t3 tan Ot (Fig.4.1.3.3-59bl sin Ol sin 2a

16 0.4874 1.58 0.2756 0.0760 0.5299 0.4284 0.1201 0.5485

20 0.6188 1.50 0.3420 0.1170 0.6428 0.5197 0.1755 0.6952

24 0.7568 1.42 0.4067 0.1654 0.7431 0.6008 0.2349 0.8357

I
28 0.9039 1.35 0.4696 0.2204 0,9290 0.6702 0.2975 0.9677

, 32 0.9413 1.29 0.5299 0.2808 0,9988 0.7267 0.3622 1.0889

36 0.8097 1.26 0.5878 0.3455 0.9511 0.7690 0.4353 1.2043

40 0.7010 1.25 0.6428 0.4132 0.9848 0.7962 0.5165 1,3127

44 0.6091 1.26 0.6947 0.4826 0.9994 0,9080 0.6081 1.4161

48 0.5297 1.27 0.7431 0.5522 0.9945 0.8041 0.7013 1.5054

52 0.4696 1.30 0.7880 0.6209 0.9703 0.7846 0.8072 1.5917

The contribution of body vortices (last term of Equation 4.3.1.3-a) can be neglected, since the
configuration is more typical of an airplane configuration than of a missile.

4.3.1.4-8



Solution.

r r------
2""Vr bw /2

q

qoo

f. }(0.268)=1.0 +[1.22+0.2331 (CN ), 0.409 +0

(Equation 4.3.1.3-a)

a (eN),
CN CL

(deg) 0.952@ cos~@

16 0.5485 0.5222 0.502

20 0.6952 0.6618 0.622

24 0.8357 0.7956 0.727

28 0.9677 0.9213 0.813

32 1.0889 1.0366 0.879

36 12043 1.1465 0.928

40 1.3127 12497 0.957

44 1.4161 1.3481 0.970

48 1.5054 1.4331 0.959

52 1.5917 1.5153 0.933

These data are plotted in Sketch (a), where CL = 0.970 and "CL = 44° These compare
max maX

with test values of CL = 0.94 and "c, = 42°
max ""'Olax

V l-- -- t--
./

V
l./'

-7
""v'",

/
V

/
(,/

1.0

.8

.2

o
o 10 20 30n

SKETCH <a>

40 50 60
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TABLE 4.3.1.4-A
METHOD 2

SUBSONIC MAXIMUM LIFT COEFFICIENTS OF WING-BODY COMBINATIONS
DATA SUMMARY AND SUBSTANTIATION

---
Percent

'c O'C
Lmax

CL ,C Error. e
ALE d Lmax rna< Lmax- CL aCLmaxRef. A (deg) b Airfoil- M Calc. Calc. Test Test rna<

5 2.31 60 .18 65-006 .60 1.02 27.2° .99 28' 3.0 -2.9

6 3.43 51.3 .065 65-012 .12 1.04 26.8° 1.05 27° -1.0 -0.7

i (1 to .5cl,
.13 26.8° 1.17 26° -1.7I 7 2.88 52 .15 64,.112 1.15 3.1

i
(1 to .25c1

8 2.04 63 .18 Double .13 1.32 31.5° 1.32 31.5° a a
I Wedge 5%

I 9 4 10 .12 Double .20 .71 12.8° .715 13.2° -0.7 -3.0
i Wedge 4.2%

10 2.88 52 .15 641'112 .12 1.15 26.8° 1.18 30° -2.5 -10.7

I (1 to.28c)

" 2.31 60 .18 65-006.5 .17 1.08 29.9° 1.08 33.2° a -10.0

12 5 46 .10 64A-D1Q .25 1.09 22.90 .955 23° 14.1 -0.4

! ! ! (1 to.25c) !~ .925 20.9° .955 22° -3.1 -5.0

13 3 23 .196 4.5% Hex. .25 .795 15.1° .82 14° -3.0 7.9

! ! .259 I I .76 14.7° .74 12.8° 2.7 14.8

.343 .72 13.2° .72 12.5° a 5.6

"
3 19 .145 3% Bi- .25 .75 15.6b .71 14.3° +5.6 9.1

! ! ! Convex

I
.60 .75 14.9° .70 15° 7.1 -0.7

4 45 .127 • .845 21.,0 .85 22° : -{l.6 -4.1

• • 1
,

.25 .875 22.1° .883 23° I -{l.9 -39i
3 53.1 I f 1.00 25° 1.04 26° -3.8 . 3.8

15 3 45 .10 65A-<106 .29 .93 24.8° .94 22° -1.1 I 12.7

.20

I
.91 20° .98 18.2° -7.1 I 9.9

.30 .95 16.4° .96 16.6° -1.0 I -1.2

.40 1.03 16.3° 1.00 16.0° 3.0 1.9

.60 1.25 19.5° 1.24 18.3° 0.8 6.6

.80 - 32° 2.24 31° - 3.2

16 2 7.2 .23 65A-Q08 .13 .73 24° .75 19° -2.7 26.3 i
4 3.6 .15 1 ! .75 14.4° .76 16° 1.3 -10.0

6 2.4 .135 .75 12.3° .78 12° -3.8 2.5

17 2 48 .23 65A-<108 .13 .93 22.2° .96 22.3° -3.1 -0.4

4 47 .15 ! ! .89 20.5° .96 20° -7.3 2.5

6 46 .135 .89 18° .96 20.4° -7.3 -11.8

-Airfoil defined parallel to free stream unless stated otherwise. Average Error in C Lmax

Average Error ino-CL
max

~! e i

n

1: let

n

3.2%

6.0%

4.3.1.4-1 I



SUBSONIC SPEEDS
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Revised April 1978

4.3.2.1 WINCHODY ZERO·I.IFT PITCIlI'<C ~l()~IENT

Methods are presented for determining the wing·body zero-lift pitchmg·moment coefficient in the
subsonic, transonic, and supersonic speed regimes. It is advisable to use experimental data whenever
possible in each speed regime.

A. SUBSONIC

Two methods are presented for estimating the subsonic wing-body zero-lift pitching-moment
coefficient for straight-tapered wings. Method I (Reference I) was derived using the momentum
considerations of H. Multhopp (Reference 2). Method 2 (Reference 3) has been empirically derived
from fighter-type test data. Method I is considered to be more accurate than Method 2 because it
includes the effects of fuselage width and fuselage camber distribution. Neither method is limited to
bodies of revolution; however, only Method I accounts explicitly for noncircular bodies. If it
becomes necessary to analyze a noncircular body in combination with a wing, the results of
Method 2 should be used with caution.

DATeOM METHODS

Method I

The wing-body zero-lift pitching-moment coefficient for straight-tapered wings' may be approxi
mated by

4.3.2.I-a

where

(CmO)M

(CmO)M:O

is the wing zero-lift pitching-moment coefficient uncorrected for Mach-number
effects, obtained from Section 4.1.4.1.

is the Mach-number correction factor obtained from Figure 4.1.4.1-6 as a
function of Mach number. This chart gives the ratio of wing-body zero-lift
pitching-moment coefficient in compressible flow to that in incompressible flow,
based on test data.

is the body zero-lift pitching-moment coefficient, uncorrected for Mach-number
effects. This parameter is approximated by using

x=o
w 2

f 4.3.2.I-b

*Method 1 should apply to non-straight-tapered planforms. However, the lack of a method for predicting the wing zero-lift
pitching-moment contribution has prevented any substantiation of this method for non-straight-tapered plan forms.

4.3.2.1-1



where

(k 1 - k() is the apparent mass factor developed by Munk, obtained from
Figure 4.2.1.1-20a as a function of the body fineness ratio

is the wing reference area

is the wing mean aerodynamic chord

is the average width of a body increment (see Sketch (a»

is the wing zero-lift angle relative to the fuselage reference plane,
obtained from test data or estimated by using the wing zero-lift
angle-of-attack method of Section 4.1.3.1 (the effects of wing incidence
must be considered when using the method of this section).

is the incidence angle of the fuselage camber line relative to the fuselage
reference plane at the increment center. The sign convention of (iel )8

is identical to that of horizontal-tail incidence, and is negative for both
nose droop and upsweep as shown in Sketch (a). The fuselage camber
line is defined by the vertical location of the fuselage-maximum-width
line or the body mean line where the maximum-width line is not clearly
defmed (see Sketch (b».

t:.x is the length of the body increment (see Sketch (a»). Fuselage
incremeni length should be chosen so that neither the change in average
width nor the change in camber line incidence is too large between
successive increments. The increments need not be of equal length.

is the body length.

Equation 4.3.2.I-b may be evaluated by dividing the fuselage into increments (see Sketch (a»),
computing the value of each increment, and adding them up.

2 3 4 5 6 7 8 9 10 II

FRP FUSELAGE REFERENCE
PLANE

MEASURED AT INCREMENT CENTER
(NEGATIVE FOR INCREMENT 2 AND II
AS SHOWN)

BODY CAMBER LINE

SKETCH (a)
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SEVERAL FUSELAGE CROSS-SECTIONS
SHOWING CAMBER LINE VERTICAL LOCATION

SKETCH (b)

A companson of test data with results calculated by this method is presented in Table 4.3.2.I-A. It
should be noted that the test data are for configurations having cambered airfoils. For most
configurations with symmetrical wings with no twist, the predicted values are zero or very small.

Method 2

This method was developed in Reference 3 for fighter-type aircraft by using the linear regression
analysis of mathematical statistics. In general, a regression analysis involves the study of a group of
variables to determine their effect on a given parameter. Because of the empirical nature of this
method (values for the regression coefficients), exact solutions are available only at the following
Mach numbers: 0.4,0.6,0.7,0.8,0.9,0.95,1.0,1.1,1.2,1.3,1.4, 1.5, 2.0, and 2.5.At other Mach
numbers interpolation is necessary.

It is advisable to restrict the applicability of this method to the range of geometric parameters of
the test data used in the formulation of the regression coefficients. The test data used in the
formulation of the regression coefficients have geometric parameters within the following limits:

aspect ratio, A

taper ratio, A

twist, 8

leading-edge radius, LER/c

thickness, tic

conical-camber design lift coefficient, C
L d

fore body fineness ratio, ~N/d

afterbody fineness ratio, ~A Id

leading-edge sweep, ALE

Reynolds number, R,

1.6 to 6.0

o to 1

oto 0.015

0.025 to O. 10

oto 0.0263

oto 0.45

2.2 to 8.4

0.3 to 5.6

o to 700

0.8 x 106 to 8 x 106
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ThIS method is not limited to bodies of revolution; however, no attempt is made to account for the
L,tll'ds of noncircular bodies. If it becomes necessary to analyze a noncircular body in combination
with a wing, it is suggested that an equivalent body of revolution be used, i,e., a body of revolution
with the same cross-sectional area.

The wing-body zero-lift pitching-moment coefficient, based on the product of the wing area and
mean aerodynamic chord SwCw, is given at a specific Mach number by

4.3.2.I-c

where

4.3.2.14

A

c

are the regression coefficients as a function of Mach number, obtained
from Table 4.3.2. I-B.

is the total wing aspect ratio.

is the sweep of the leading edge.

is the wing thickness ratio at the mean aerodynamic chord.

is the nose and forebody fineness ratio (see Sketch (b)).

is the afterbody fineness ratio taken at the afterbody wing-body juncture
(see Sketch (b)).

SKETCH (c)



LER
c

()

h

d

d

b

R,

is the wing taper ratio.

is the transition indicator; 0 for no transition strips and I for transition
strips or flight test.

is the ratio of the leading-edge radius to the mean aerodynamic chord
taken at the mean aerodynamic chord.

is the wing twist between the root and tip sections in radians, negative for
washout (see Figure 5. 1.2. 1-30b).

is the NACA camber in the form of a ratio of the maximum ordinate of
the mean line to the airfoil chord taken at the mean aerodynamic chord.

is the conical-camber design lift coefficient for a M = 1.0 design with the
designated camber ray line intersecting the wing trailing edge at 0.8 b/2.
(For more details see Reference 4.) If the wing does not have a
conical-camber design, the value of CL d is zero.

is the wing location index, with WL = 1.0 for a high wing, WL = 0.5 for a
midwing, and WL = 0 for a low wing.

is the vertical-tail indicator, with VT = 1.0 for a vertical tail, and VT =0
for no vertical tail.

is the ratio of the maximum canopy height measured from the body
center line to the body height at the point of maximum canopy height.

is the ratio of the maximum body width to wing span.

is the Reynolds number based on the mean aerodynamic chord. For
Reynolds numbers in excess of 8 x 106 , the value of 8 x 106 should be
used.
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Sample Problems

I. Method I

GIven: The wing-body configuration of Reference 5 (Sketch (d»

I 2-l3;--l-4)-5J.-6l-7~r.8~9~1r10~11'1h122~133~14~i5-'

567 \ 2 \3
8 9 10 II

SKETCH (d)

Wing Characteristics:

A ; 5.02

c == 2.14 m

A ; 0.507

e ; 00

(O'o)w ; _1.2 0 (test data) M ; 0.17

Root section airfoil is a NACA 64A-l 09

Tip section airfoil is a NACA 64A-109 modified by drooping the leading edge (Sketch
(e».

4.3.2.1-6



... c' 1.390 m

C=_C_~~1.363 m

SKETCH (e)
For the Tip Section

c' ~ 1.390 m c ~ 1.363 m 0.05c

The drooped leading edge varies linearly across the span from the tip section as shown in
Sketch (e), to zero extension and deflection at the root section.

Fuselage Characteristics:

Q
B

~ 12.50 m d
rnax

~ 1.62 m

Other fuselage dimensions are measured from the three view drawings in Reference 5 and are
listed in tabular form when used.

Compute:

Determine wing section crno

Root Section (64A- I09) c is determined through use of data from Table 4.I.I-Brno

c
SECTION rn o

64A-ol0 0

64A·210 -0.040

64-108 -0.015

64-110 -0.020

Note that the variation in c due to camber is identical for the "64" and "64A" seriesrno
airfoils, I.e., the 64A-21 0 airfoil has twice the camber of the 64-110 airfoil and twice the
crn . Therefore, the "64" series airfoil c values can be used to determine the thicknesso rno
effects.

~ ~

-0.015 - 0.020

2
~ -0.0175

4.3.2.1-7



Tip sectIOn c can be determined by the method of Section 6.1.2.1.mo

,
c

= (C
fLE

) .:,
c c

== 0.05
(1.363 )

( 1.390)
= 0.049

-0.00024 (Figure 6.1.2.1-36)

Since the wing is assumed to be at zero-lift, and drooped leading edges contribute
essentially zero incremental lift at constant angle of attack, assume: t.c, = c, = O.

, (c) (X,d
c' 1 [(c} I]t.c = c -0 +--+ -c- .del! + em ZmLE m 6 LE c fLE . C

+ 0.075 c, (~Xf I) (Equation 6.1.2.1-b)

(1.390J [(1.390Y I] +0·-0.00024 1.363 20 + 0 - 0.0175 1.363

t.c = -0.0056mLE

C = cm + t.cmo °BASIC
mLETIP

AIRFOIL

= -0.0175 -0.0056

= -0.0231

Determine wing zero-lift pitching-moment coefficient using Section 4.1.4.1.

(Cmoto = A: ~0::sA~::4 CmoROOT2+ cm~w)

= 5.0200s
2

(13°) (-0.0175 - 0.023~
5.02 + 2 cos (13°) 2 )

= -0.0139

(Equation 4.1.4.I-b)

Determine the fuselage (C ) using Equation 4.3.2.I-b and the three-view drawing in
mo B

Reference 5. Divide the fuselage into incremental parts and compute the value under the
summation sign for each increment (Sketch (d)).
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INCREMENT w
f

lml I.olw IDEGI (ieLla iDEGl 6.x (ml w/ UQolw + (icLla ) ax

1 0.41 -1.2 -13.5 0.759 -1.876

2 0.95 -10.75 -8.186

3 1.32 -8.00 -12.167

4 1.50 -5.25 -11.015

5 1.58 -2.75 -7.484

6 1.61 -0.75 -3.836

7 1.59 0.0 -2.303

8 1.535 0.0 0.635 -1.795

9 1.460 0.0

I
-1.624

10 1.340 -0.500 -'.938
!

1.255 -2.000 -3.200II

12 1.190 -3.750 0.758 -5.313

13 1.100 -4.750 -5.457

14 0.950 -5.375 -4.498

15 0.735 -6.250 -3.051

16 0.485 -6.875 -1.440

17 0.175 -7.000 -0.190

Determine the apparent mass factor

'.
~ w/ [(aol w + (jeLls) ax = -75.373

x=o

12.50
= = 7.72

1.62

(k 2 - k1 ) = 0.905

Determine (C )
rno B

(Figure 4.2.1.1-20a)

x=Q

(Equation 4.3.2.1-b)

0.905
=

(36.5)(21.51 )(2 .14)

= -0.0406

= (-75.373)

(Figure 4.1.4.1-6)
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Solution:

(Equation 4.3.2.I-a)

= (-0.0139 - 0.0406) 1.0

-0.0545 (based on Sw 0)

This compares to a test value of -0.05 from ReJerence 5.

2. Method 2

Given: A wing-body configuration similar to that of Sample Problem I (See Sketch (I)).

SKETCH (f)
Wing Characteristics:

A = 5.0

NACA 65-209 airfoil

= 0.Ql07l
c

Body Characteristics:

c

x = 0.5

= 0.00552

0=0

Low wing

3.32

Additional Characteristics:

= 2.99
h

d
0.50

d
= 0.152

b

M = 0.4

4.3.2.1-10
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Compute:

The regression coefficients below are obtained from Table 4.3.2.1-8 at M ; 0.4.

Value
Regression Coefficient Tlble 4.3.2.'-8

Co -0.61496

C, 0.034113

C2 -0.0043111

C3 -0.0067607

C. 0.58626

C, -0.0021631

C6 -0.0029718

C, -0.0013161

C. 0.0034451

C. ~O.O097535

C,0 -3.9389

Cll -0.52560

C,2 -4.3982

C,3 0.036116

C, • 0.034068

C15 -0.073114

C,6 1.2683

C17 -0.16503

C, • -0.00077192 x 10-6

Solution:

(Equation 4.3.2.I-c)
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0.034Ll3
= -0.61496 + 5 - 0.0043111 (5) - 0.0067607 (0.2793)

+ 0.58626 (0.09) - 0.0021631 (3.32) - 0.0029718 (2.99)

- 0.0013161 (0.5) + 0.0034451 (0.25) - 0.0097535 (I)

- 3.9389 (0.00552) - 0.5256 (0) - 4.3982 (0.01071) + 0.036116 (0)

+ 0.034068 (0) - 0.073114 (0) + (1.2683) (0.5) - 0.16503 (0.152)

- 0.00077192 x 10-6 (6 x 106 )

= -0.61496 + 0.0068226 - 0.021555 - 0.00188826 + 0.052763

- 0.0071815 - 0.0088857 - 0.00065805 + 0.00086128 - 0.0097535

- 0.021743 - 0.047105 + 0.63415 - 0.0250846 - 0.0046315

= -0.0688 (based on Sw c )

B. TRANSONIC

The comments and methods of Paragraph A are applicable here. It should be noted that at near·
sonic conditions or whenever shocks begin appearing on the wing, the value of (CmO)WB may begin
to change abruptly. For this reason Method I should not be used above M = 0.9 and should be
used judiciously for 0.8';; M .;; 0.9. Likewise, Method 2 should be applied with caution at near·
sonic conditions.

DATCOM METHODS

At transonic speeds the methods described in Paragraph A may be applied. (It should be noted for
Method 1 that the subsonic method of Section 4.1.4.1 must be used to evaluate the wing zero-lift
pitching-moment contribution.) Both methods are restricted to straight-tapered-wing
configurations.

Sample Problems

No sample problems are presented here because their solutions would be obtained in the same
manner as in the subsonic speed regime.

4.3.2.1-12



C. SUPERSONIC

In the supersonic speed regime Method 2 of Paragraph A of this section may be used to estimate
(CmO)WB for fighter-type aircraft. The comments in Paragraph A pertaining to Method 2 are
applicable here.

DATCOM METHOD

At supersonic speeds Method 2 described in Paragraph A may be applied to fighter-type
straight-tapered-wing configurations.

Sample Problem

No sample problem is presented here because its solution would be obtained in the same manner as
in the subsonic speed regime.
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4.3.2.1-14

TABLE 4.3.2.1-A

METHOD 1
DATA SUMMARY AND SUBSTANTIATION

I\c/4 , (CmOlWB (CmOlwB f). (CmoIWB
Ref. A , Id"9l (degl M Calc Test Calc-Test

5 5.02 0.507 '3 0 0.08 -0.0543 -0.04 -0.0143

~ I ! ~ ~ 0.17 -0.0545 -0.05 -0.0045

6 3 0 45 0 0.67 -0.00496 -0.008 t o.003O

! 1 ! 1 1
0.76 -0.00526 -0.005 -0.0003

0.89 -0.00602 -0.004 -0.0020

7 3.5 0.20 10.8 0 0.7 -0.0234 -0.018 -0.0054

1
0.85 -0.0266 -0.024 -0.0026

0.9 -0.0282 -0.027 -0.0012

35 0.7 -0.0183 -0.018 -0.0003

1
0.85 -0.0207 -0.022 0.0013

0.9 -0.0220 ~0.024 0.0020

47 0.896 -0.0137 -0.019 0.0053

1
0.843 -0.0154 -0.023 0.0076

0.892 -0.0164 -0.024 0.0078

8 3.5 0.20 47 0 0.696 -0.0137 -0.019 0.0053

0.892 -0.0165 -0.024 0.0075

0.7 -0.0149 -0.018 0.0031

0.9 -0.0180 -0.022 0.0040

0.696 -0.0139 -0.014 0.0001

0.892 -0.0168 -0.019 0.0022

0.7 -0.0145 -0.016 0.0015

0.9 -0.0175 -0.017 -0.0005

9 4 0.15 45 0 0.8 -0.0219 -0.031 0.0091

1 1 ! 1 1
0.85 -0.0231 -0.033 0.0099

0.9 -0.0246 -0.036 0.0114



TABLE 4.3.2.1-A (CONTOI

A C/ 4
,

ICmOl wB (CmO)WB .<l (Cmol wB
Ref. A X Ideg) Ideg) M Calc Test Cale-Test

Unpub. 7.028 0.230 30.61 --4.05 0.2 -0.0329 -0.040 0.0071
data

0.4 -0.0339 -0.040 0.0001

0.6 -0.0372 -0.040 0.0028

0.7 -0.0393 -0.042 0.0027

0.8 -0.0423 -0.046 0.0037

1
0.825 -0.0438 -0.0455 0.0019

0.85 -0.0444 -0.043 -0.0014

8.71 0.2036 24.5 -4.7 0.2 -0.0760 -0.0830 0.0070

0.3 --0.0761 -0.0830 0.0069

0.4 -0.0783 -0.0835 0.0052

0.5 -0.0813 -0.0845 0.0032

0.6 -0.0859 -0.0860 0.0001

0.7 -0.0908 -0.0890 -0.0018

0.8 -0.0973 -0.0935 -0.0038

0.85 -0.1026 -0.0950 -0.0076

6.8 0.30 35 -7.1 0.2 -0.0223 -0.0220 -0.0003

0.4 -0.0230 -0.0220 -0.0010

0.6 -0.0252 -0.0245 -0.0007

0.7 -0.0266 -0.0270 0.0004

0.8 -0.0285 -0.0288 0.0003

0.825 -0.0295 -0.0292 -0.0003

0.85 -0.0302 -0.0300 -0.0002

0.875 -0.0312 -0.0308 -0.0004

0.9 -0.0321 -0.0315 -0.0006

.d (CrnOI WB

EI4 (CmolwBI
Average : 0.0036

n
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TABLE 4.3.2. l-B

METMOD2
REGAESS10N OOE'FFtC"ENTS

......,."-, <::<0 <OJ C2 C 3 C. C. c. C, C. c.

JD..:4 -0.6'1496 0.'D341113 --Q,C043',1 -0.00671307 0.58626 -Q,002163' -G.0029718 --4,001316' 0.0034451 -0.0097535

U O,D3D52' - --Q.DIIJ11n 0.00D0D854 0.043533 O.OOO1D1112 -0.002397' 0.010412 -G.0049Il64 -0.('02388 1

~3 0.1'l1D449 {l.oa19~5 --a0011029 0.00019192 D.lD2ll2ll8 0.000>94.5 -0.00'2200 0.0051328 -G.0ll29594 0.00074312

Oll;8 0._6 ~0.0055!l1ll9 -41.111124107 --<l.001_ ,0.031">64 0.00036Il33 0.00037772 -0.0035006 QlIOO13299 o.OO'2:J)6

0lS 0.m323J -Q.OOll64Il68 _0021806 -G.001419O Q02'"266 0.00040962 --0.000921'3 0.00091995 -0.0010519 0,0021&i3

US -QLI295iIl3 1l.0!i6D4' OlUiUi6 --ll.0021117 Q.lll!4656 QOOO82155 --<1.001_ -G.0IlB5456 QOlI92825 0.0037547

IJD --JJ.Dn!iCIB 0.11"805 Q.00!l1112 a·MIIl:Jl:;6C" ll.016'64 -0.0019504 llOO43!lO4 --<1.050916 Qa:Il9Il2 0.00011703

1\.1 -11.047882 Q.(1I17861 QOl2725 0·.....39 0.049004 -QOOOl8951 --<1.0014263 --<1.0073144 0.0025290 -0.00011616

1.2 -41.OO77Q24 Q.00l400 ll.OO31585 -0.0021l553 --<l.D13639 -0.00084471 --<1.0027075 --<1.00035333 -<1.00030929 Qoo17.32

'..3 ---<0.0090333 0.08'_ Q.lJII29019 -<1.0035078 -0.027873 -0.0016508 -<l.000700!l0 --0.010550 Q.OO324OB 0.00057501

1\.. -Il.064029 0.11!l13 (l0129B1 0.0014900 -0.029892 -0.0013285 -0.0019031 0.0093873 -<1.00496.8 0.00"079

1.5 Q.lI14988 0._27 0.0001891 -0.0065439 -<1.022854 -Q.0009ll949 -Q0024185 --<1.011328 0.0026880 -0.00002373

2.0 _1'D251 Q.1l653 D.II22724 _0065661 QOO2OOII4 -000036847 0.0015647 -<l.02ti6J0 0.0'00Il!I -Qoo'8213

2;5 --0.091877 0.16776 o.Q286JO 0.0043900 Q.002ll467 -<1.0013417 -Q.lXlJll258 -<1.023900 Q0094275 O.OOCJ5n15

IMOIiI,_" C
IO

Cll C'2 C" C,. C'5 C,. C" C,.
x 10+6

0" -'1!l38!l -Q.52!i6ll _2 o.D36116 <1.034068 -0.073114 1.2683 -016503 -0.00077192

0.6 Q.5(l516 -Q.51329 -4.0!130 -0.01169211 0.011685 -0.001lJ5!lll -0.017713 -0.052268 0.00025439

0.7 0.12045 --Q.53S03 --4.2059 -<1.00'3549 0.0053196 0.0020454 -0.0039115 -0.043905 -0.0012391

QJl --<l.10401l --Q49728 -'192ll3 0.0048901 0.0014643 0.0021298 -0.0092493 --Q.05HX)1 -0.0011483

Q!l o.ll!lIl669 _622lJI1 ~ 0.00'8263 o.OO2ll84Il 0.00025683 0.00Qi923 -0.10221 -0.00078181

0.95 --Q.II2906 --0.31518 -'11686 0.0015362 -<l.003lI225 --0.0035619 0.0014832 --<1.019949 -0.0010290

1.0 1.0256 --<1.39402 -'149!l!l 0.0035393 o.03OIl79 0.0016422 0.025312 -0.053B97 -Qool325D

1.1 -0.62097 --<1.36676 -3.1159 0.010248 0.0041945 -O.QOOl;6869 -0.037542 o.OO634Dl -0.00051180

1.2 -1.5639 -G.21108 -2.5628 0.011013 0.0016835 0.0016923 0.017427 -0.13287 -0.0013416

'.3 -0.43130 -0.10254 -20192 0.0067!J1l5 0.0003637 OJ)Ol3512 O.~ -0.'3673 -0.0023005

1.4 --<1.83120 -Q029314 -1.7911 0.0017'44 O.OO34ml O-lXJ11693 0.018158 -0.080305 -0.0022940

'.5 -0.166!J1l 0.45021 0.13537 0.0022793 0.0040738 0.0032272 o.OlQi70 -0.18294 -<1.0014919

2.0 0.97612 -4.1537 1--15.553 -0.0010671 -0.0042213 0.0045941 -Qooo63330 -0.11299 0.00094537

2.5 1.3O!lO -5.3830 f-16.!l96 0.0'4219 -Q0091883 0.llO26961 -0.016885 -0.068530 -0.00099505
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4.3.22 WING-BODY PITCHING-MOMENT-CURVE SLOPE (AERODYNAMIC CENTER)

For wing-body configurations in which the body radii are large relative to the wing semispan, there exist mutual
aerodynamic interferences between wing and body that can appreciably affect the aerodynamic center of the
wing-body combination.

The body influences the wing lift primarily by inducing a change in the local angle of attack along the span.
The wing influences the body by a lift carryover from the wing onto the body. For supersonic speeds the
wing lift carryover on the body is displaced downstream parallel to the Mach lines, as illustrated in sketch (e)
on page 4.3.1.2-5. Important moment differences can therefore exist between configurations in which the
fuselage terminates at the wing trailing edge and those in which the fuselage extends beyond the wing
trailing edge.

The aerodynamic-center location of a wing-body configuration is given in reference I as

(

X ;.c) (x:.c.)+ - C + - ~

\ WIBI Law IBI cr. SIWI '1l(WI

~ + CL + CLa,. 'WIS) '1lIWI

4.3.2.2-a

where the x~.c/cr. terms are the chordwise distances measured in exposed wing root chords from the apex of

the exposed wing to the aerodynamic center, positive aft. The methods for calculating these terms are
presented in this section and are based on exposed-wing geometry. The exposed wing is defined as the parts
of the wing outboard of the largest body diameter at the wing-body intersection. Two cases are illustrated in
sketch (a).

EXPOSED
WING
AREA

SKETCH (a)

-

EXPOSED
WING
AREA

-
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"';.c. = (~c)
, '.

The lift-eurve slopes used in Equation 4.3.2.2-a are referred to the total wing area.

The aerodynamic-center locallon measured in wing root chords aft of the wing apex is given by

ere d
- +- tan A
c, 20, LE

where x' /c is given by Equation 4.3.2.2-a.
B.C. re

4.3.2.2-b

The nose of the body is defined as the expanding portion of the body ahead of the wing. The forebody is the
cylindrical portion of the body ahead of the wing. The base of the forebody is defined as the cross section at
the wing-leading-edge - body interseclIon.

If the wing is at incidence relative to the body, the a.c. can be approximated by using the lift coefficient of
each component - in the linear or near-linear range only - instead of the lift-curve slope. The angle of attack
of the body relative to the free stream is used to calculate the body lift, and the angle of attack of the wing
relative to the free stream is used to calculate the wing lift and lift carryover on the body.

The specific case of a conical body mounted on a delta wing (Sketch (c) on Page 4.3.1.2-2) has been solved
by Spreiter inReference 2. Slender-body theory is used to obtain the ratio of the wing-body lift to that of the
wing alone. Correlation with experimental data by this method is good throughout the speed range. The
method predicts that the aerodynamic center of the wing-body combination is the same as that of the wing
alone.

Methods are presented in this section that are applicable to axisymmetric bodies in combination with
straight-tapered wings throughout the subsonic, transonic, and supersonic speed ranges, and in combination
with non-"ltraight-tapered wings at subsonic and supersonic speeds. The methods are applicable only in the
linear-lift range.

The effects of body cross-section shape and wing vertical position on wing-body lift-curve slope are not
considered. (Some test data on these variables are given in References 3 and 4.) Therefore, the methods
should not be construed as pertaining to generalized wing-body combinations with arbitrary body shapes.

The results of this section apply to single-wing-body configurations only; for cruciform and other multi
panel arrangements, interference effects may exist between the various panels.

The following general categories of non-straight-tapered wings are considered at subsonic and supersonic
speeds: .

Double-delta wings
Cranked wings
Curved (Gothic and ogee) wings

These wings are illustrated in Sketch (a) of Section 4.1.3.2. Their wing-geometry parameters are
presented in Section 2.2.2.

A. SUBSONIC

DATCOM METHODS

Straight-Tapered Wing-Body Configurations

The subsonic aerodynamic-center location near zero lift of a wing-body configuration with a straight-tapered
wing is obtained from the procedure outlined in the following steps:
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Step I. Divide the wing-body configuration into three components as follows and determine their
pertinent geometric parameters (see Sketch (a)).

(I) The exposed wing in the presence of the body, denoted by the subscript WeB).

(2) The body in the presence of the wing, denoted by the subscript B(W).

Step 2.

Step 3.

Step 4.

(3) The body nose and forebody ahead of the wing-body juncture, denoted by the
Jubscript N.

Determine the lift-curve slope of the exposed wing (C
La

). from the straight-tapered wing

method of Paragraph A of Section 4.1.3.2, based on its exposed area S•.

Determine the lift-eurve slope of the body nose by the method of paragraph A of
Section 4.2.1.1. In most cases the slender-body-theory value of (CNa)B = 2 per radian

(based on the nose frontal area) is sufficiently accurate.

Using the lift-curve slopes determined in Steps 2 and 3, calculate C L ' C L ' and
awlBI a B1W1

CL ' referred to the total wing area, by
aN

(CLa).

S.
CL = K WIBI

awlB) Sw

CL (CLa) •

S.
=KBIW!

Sw.a BIW)

where K WIB) and K B1W) are interference factors obtained from Figure 4.3.1 .2-10.

Step 5. Determine the a.C. location of the exposed wing as a fraction of the root chord of the,
xa.c.

exposed wing -- from Figure 4.1.4.2-26. The interference effect of the body lift in the
c,
•

presence of the wing is neglected, and the a.c. location of the body-lift carryover on the
wing is taken as the a.C. location for the exposed wing, Le.,

(

X' )a.c.

cr. W(B)

x'
a.c.=--c'.

-The equation given for (CNa)N is based on the slender-body-fheory value for (CNa)B" If Equation 4.2.1.1-. is used to obtain (CNa)s'

IV )213

then CN~ • (CNa)B~
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Step 6. Determine the a.c. location of the wing-lift carryover on the body (;.c)
re B(W)

FOT fJA. ~ 4.0, the a.c. contribution due to the lift carryover of the wing on the body is

obtained from the equation

1 b - d
• -+ --tanJ\

4 2C
re

/4

1T
-(1-kl +"2

11 kl 2 1T+--
k 2

4.3.2.2- c

where k; d/b and the term inside the brackets is plotted for various values of k in Figure
4.3.2.2-35.

Equation 4.3.2.2-c is developed from lifting-line theory applied to the portion of a fictitious
. wing inside the body, defined by the image of the actual wing at the intersection of the wing

d
quarter-chord line with the body. Equation 4.3.2.2-c is mathematically limited to b";; 0.5,

d
but extrapolation to b; 0.8 gives accurate results.

For fJA < 4.0 an interpolation procedure is required. The a.c. location at fJA ; 0,• •
derived from slender-body theory, is given in Figure 4.3.2.2-36b. For fJA. between 0 and 4.0,

the a.c. of the wing-lift carryover on the body is obtained by fairing values between those
obtained from Figure 4.3.2.2-36b and Equation 4.3.2.2-c for fJA. ; 0 and fJA. ;;. 4.0,

respectively. It is recommended inReference 1 that the interpolation procedure for fJA. < 4.0

be performed using the calculated wing-alone values (: ; 0) as a guide. However, for the

purpose of the Datcom this calculation is omitted, and the fairing is performed between
fJA. ; 0 and fJA. ; 4.0 by a curve through the value at fJA. ; 0 and tangent to the

calculated line for fJA. ;;. 4.

Step 7. Determine the a.c. location of the body nose and forebody as a fraction of the root chord

of the exposed wing (:~c)N ' and referred to the exposed-wing apex.

Two methods are presented here for estimating the aerodynamic center of the nose and
forebody (see Sketch (a».

The first, which is based on the methods of Sections 4.2.1.1 and 4.2.2.1, is the more
accurate of the two. It should be used when the nose lift is a significant fraction of the
total lift of the vehicle. In Equation 4.2.2.I-b, ~N should be substituted for Xm and
dCm /dCL should be multiplied by the negative cube root of the nose volume and divided
by c,•. This refers the moments to the apex of the exposed wing, i.e.,
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The second method presented in this section gives more approximate answers than the first
method. Figure 4.3.2.2-36a gives the aerodynamic-center location for cones, ogives, and
ellipsoids without forebodies. For ogives with forebodies an approximation can be made by
defining an equivalent ogive to replace the actual ogive and forebody. Thus

(I)""U;" = (I)nose + 1.6 (1)Io,obody 4.3.2.2-d

where (I)nase' (1)Iorebody' and (l)eqU;" are the fineness ratios of the actual nose, the forebody,

and the equivalent nose, respectively. Figure 4.3.2.2-36a is entered with the actual nose
fineness ratio to obtain the a.c. of the equivalent nose, referred to the apex of the exposed
wing. Then

(
xc~c.) = ~ xac.) (1 :u;" )

re 1'1 V8QUIV N '8

where 1eqU;" is the length of the equivalent nose (lequ;" = faqU;" d).

Step 8. Using the results calculated in Steps 4 through 7, Equation 4.3.2.2-a gives the a.c. location of
the wing-body configuration measured in exposed-wing root chords aft of the apex of the
exposed wing. The a.c. location measured in wing root chords aft of the wing apex is given
byEquation 4.3.2.2-b.

Application of this method is illustrated by the sample problem on Pages 4.3.2.2-7 through 4.3.2.2-10.

A comparison of test data with results calculated by using this method is presented asTable 4.3.2.2-A. The
ranges uf planforrn and flow parameters of the test data are:

2.88 .;; A .;; 4.0

70 .;;
ALE

.;; 600

0.143 .;; A .;; 1.0

0.14 .;; d/b .;; 0.80

0.13 .;; M .;; 0.91

0.9 x 106 .;; R1 MAe
.;; 6.8 x 106

Although ranges of planform and flow parameters of the test data are in most cases quite broad, the limited
number of test points makes it rather difficult to draw general conclusions regarding parameters not specifi
cally noted in the prediction method. Within the linear-lift range, profile parameters such as camber, twist,
and airfoil shape would be expected to have only a minor influence on the wing-body aerodynamic-center
location. There are not enough data to allow a quantitative prediction of Reynolds-number effect, but it is
reasonable to expect that Reynolds number will influence the wing-body aerodynamic-center location.

Non-Straight-Tapered Wing-Body Configuration

The method for determining the subsonic aerodynamic-center location near zero lift of wing-body configura-
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tions with non-straight-tapered wings is taken fromReference 5. During the course of the study conducted in
connection with Reference 5, it was validaied that the subsonic wing-body aerodynamic-center location of
configurations with non-straight-tapered wings can be determined by using the wing-alone approach and
neglecting the exposed-wing and body lift carryover and body-nose effects. Therefore, the method presented
in paragraph A of Section 4.1.4.2 for determining the aerodynamic-center location of non-straight-tapered
wings is directly applicable to the case of a body in combination with a non-straight-tapered wing.

Essentially, the method consists of dividing the complete theoretical wing planform (extended to the plane
of symmetry) into two panels with each panel having conventional, straight-tapered geometry. Then for each
of the constructed panels, the individual lift-curve slope and aerodynamic-center location are estimated by
treating each constructed panel as a complete wing. The individual lift and aerodynamic-center location
determined for each constructed panel are then mutually combined in accordance with an "inboard
outboard" weighted-area relationship to estimate the aerodynamic-center location for the basic wing-body
configuration.

The sample problem of Paragraph A of Section 4.1.4.2 illustrates the use of the method.

Comparisons of test data with results calculated by using this wing-alone approach are presented as
Tables 4.3.2.2-B and 4.3.2.2-C (both taken from Reference 5) for wing-body combinations with double-delta
and cranked wings, respectively. Although the technique is applicable to wing-body combinations with
curved wings, test data on such configurations are not available for substantiation purposes. Only two wing
body combinations with curved wings have been investigated. Since both of these configurations have very
small bodies and the wing planform projection effectively blankets nearly all the body, they have been
included in the curved wing-alone substantiation of Section 4.1.4.2 (Table 4.1.4.2-B). The ranges of plan
form parameters of the double-delta and cranked-wing configuration test data are:

Double-Delta Configurations Cranked Configurations

1.3";; A ,.;; 3.0 1.68 ,.;; A ,.;; 6.93

600 ,.;;
ALE.

,.;; 82.90 25 0 ,.;; ALE.
,.;; 75 0

, ,

38.1 0 ,.;; ALE ,.;; 600 120 ,.;; ALE
,.;; 750

0 0

0.217 ,.;; 7la ,.;; 0.654 0.224 ,.;; 7la ,.;; 0.654

0 ,.;; 1N/1a ,.;; 0.7 0 ,.;; 1N 11 a ,.;; 0.7

The Mach-number range of the test data for the above configurations is 0.1 ,.;; M ,.;; 0.9.

The test results indicate that airfoil shape, camber, and twist have only a minor influence on the wing-body
aerodynamic-center location within the linear-lift range. There are not enough data to allow a quantitative
prediction of Reynolds-number effect, but it is reasonable to expect that Reynolds number will influence
the wing-body aerodynamic-center location.

Many double-delta and cranked wings have non-straight trailing edges with the trailing-edge break at a dif
ferent span station from the leading-edge break. For such wings the irregular trailing-edge sweep angles of
the subdivided panels are modified by using straight trailing-edge sweep angles for each panel, constructed so
that the area moment about the respective wing-panel apex remains approximately the same.

All the configurations listed in Tables 4.3.2.2-B and 4.3.2.2-e haVe only one break in the wing leading edge.
In certain eases, more than one wing leading-edge break can be handled provided the wing can be approxi
mated by an equivalent two-panel planform. Such an approximation has been made for two cranked-wing
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plan forms included in the cranked-wing-alone data summary of Section 4.1.4.2 (fable 4.1.4.2-A). In both
cases the inboard panel remains unchanged, and an outboard panel is approximated which has the same
area moment about the wing-root apex as the original outer panels by adjusting and constructing straight
leading and trailing edges.

Sample Problem

Straight-Tapered Wing Configuration

Given: A wing-body configuration ofReference 9.

Aw = 3.0 Sw = 250.56 sq in. AW =0.143

c = 16.0 in.
'w

bw = 27.4 in.

Total-Wing Characteristics:

Exposed-Wing Characteristics:

A. = 2.84 A. = 0.169 ALE = ALE = 38.70 A = 16.70

• w c/2 e

S.
c = 13.5 in. = 0.705,
• Sw

Body-Nose Characteristics:

d
Ogive-cylinder d = 5.0 in. - = 0.183

bw

1
0

= 8.75 in.
1 0

= - = 1.75
d

if = 1fO'ebodV = 26.65 in.

1 f

f fOOlbody = d
= 5.33

Additional Characteristics:

M z 0.60; {3 = 0.80 K = 1.0 (assumed)

compute:

2.43
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( CALa). -- 1.22 per rad (Figure 4.1.3.2-49)

(CN a) B

(CN a) B ; 2 per rad (based on nose frontal area) (slender-body theory)

Interference factors (Section 4.3.1.2)

~WIBI : 1.153 1
KB1W1 - 0.255 I

d
(Flgure 4.3.1.2-10 at b ; 0.183)

W

Component lift-curve slopes, referred to Sw

(CLa).

S.
CL

; KW1B1
; (1.153) (3.46) (0.705) ; 281 per rad

a W1B1 Sw

(CLa).

S.
CL K B1W1

; (0.255) (3.46) (0.705) = 0.622 per rad
a B1W1 Sw

C
La

N

1r (5.0)2
= (2.0) (4) (250.56) = 0.1567 per rad

(x~,) (Section 4.1.4.2)
ere W(BI

13 0.80
--- =
tan ALE tan 38.7°

•
= 1.00

(A tan ALE). = (2.84) (tan 38.7°) = 2.28

X'
a.c.

0.440 (Figure 4.1.4. 2-26a through -26c, interpolated for Ae)

4.3.2.2-8

(:::) WIBI

x'
a.c.

= 0.440



G~c) B(wl

{JA, = (0.80) (2.84)= 2.28. Since {JA, < 4.0, an interpolation between values of (x:.c.)
0;:- B(WI

at {JA, = o and {JA,

C~':)B(WI at {JA, = 0

~ 4.0 must be performed. (See Step 6 of Datcom method.)

I I
4" A, (I + A,) tan ALE = 4" (2.84) (1.169)(tan 38.7°) = 0.665

(
x:

C
.) = 0.330 (Figure 4.3.2.2-36b)

c', B(WI

(

X' )a.c
-- at
cre B(W}

k = = 0.183; k = 0.817; JI- 2k = 0.796

(
I k I )-- + - J I -- 2k = 2 176k k -

Evaluate the term in brackets ofEquation 4.3.2.2-c

[
__k_ + T~-2kIO{ ~k +{-J1=2k)-%I1-kl +7k ]=

1-k b k(l-kl ('-k 1 ) b 11-k)2 1lb
2" -1,- 2k loge --k- + k".J1- 2k + "2 -k- -4" (1 ~ k)

[

0.IB3 13.7 (0.796112.1761 - 13.7 10.8171 '~113.71 10.1831 J
- -- + = 0210

0.817 13.7 10.183110.817112.1761 10.81712 "
;;::;:~c.==::. + 13.7 --- - '2 113 71 10.81 71
0.796 0.183

(x~.c.) = ~ + b· d tan AC/o [0.2101 (Equation 4.3.2.2-c)
c'. BIWI 2 c'.

I
=-+

4
27.4 5
2(13.5) (0.5498) 10.2101

= 0.346
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~ 0.345 (interpolated using values at IJA ~ 0 and IJA ;;. 4.0)• •

(See Step 6 of the Datcom method for the interpolation procedure.)

(:~c~\
re IN

(f)""u;v ~ (f)n"", + 1.6 (f),orobOdv (Equation 4.3.2.2-d)

= 1.75 + 1.6 tS.33) = 10.28

1 . ~ (f . )(d) ~ (10.28) (5) ~ 51.4
equlV eqUIV

-0.545 (figure 4.3.2.2-36a at f n"",)

Solution:

x'
ac.

(::c)
'. N

(
x•.c:) (l~QU;v) = (-0.545)

leqUIV re

51.4

13.5
= -2.075

(EquatIOn 4.3.2.2-a)

= ~(-_2~.0~7_5:-).:c.(0_.'-.::5-=:6;;-,7)'0--=-::+-=(-=:0.~4-:;:40..,,),.;:.(-=:2._8:..;;1)-:;+-:.-:::-(0.::..:.-=:34-.::5e:.-)-,-(0.::..:.6.::..:2::.=2)
0.1567 + 2.81 + 0.622

~ 0.313

X a.c.

c,

c,
-'- +
c,

d

2 c,
(Equation 4.3.2.2-b)

= (0.313)

= 0.389

13.5 5
16.0 + 2 (16) (0.8012)

X a.c.
The calculated result compares with a test value of -- = 0.35 from Reference 9.

c,
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B. TRANSONIC

DATCOM METHOD

The transonic aerodynamic-center location near zero lift of a wing-body configuration with a straight-tapered
wing may be approximated by the wing-body-combination approach presented in Paragraph A. In using this
method at transonic speeds, care must be taken to evaluate the parameters by using the transonic methods
presented in the applicable Datcom sections. The estimation of both the lift-curve slope and the aerodynamic
center location of the exposed wing at transonic speeds requires the use of data-fairing techniques outlined in
Paragraphs B of Sections 4.1.3.2 and 4.1.4.2, respectively. It is suggested that the aerodynamic-center location
of the wing lift carryover on the body (x' Ie,) be estimated by the methods of Paragraphs A and C of

ac. e B(WI

this section, and any differences in the subsonic and supersonic values should be faired out smoothly in the
transonic range. The two methods presented for estimating the aerodynamic-center location of the nose and
forebody (x' Ic) in Paragraph A of this section may be applied at transonic speeds.ac. fe N

The relatively simple application of the body effects on the aerodynamic-center location at transonic speeds
is based on slender-body theory, which states that body force and moment characteristics are not functions
of Mach number. On the other hand, the aerodynamic characteristics of wings in the transonic speed range are
quite complex, and theoretical solutions are available for only a few specific planforms. Wing lift and pitching
moment characteristics at transonic speeds are discussed in Sections 4.1.3.2 and 4.1.4.2, respectively, and are
not repeated here. The transonic methods of Sections 4. I .3.2 and 4. I .4.2 are applicable only to wings having
symmetrical airfoils of conventional thickness distribution at low angles of attack.

C. SUPERSONIC

DATCOM METHODS

Straight-Tapered Wing-Body Configuration

The supersonic aerodynamic-center location near zero lift of a wing-body configuration with a straight-tapered
wing is obtained by the wing-body-combination approach presented in Paragraph A. The procedure, applied
at supersonic speeds, is outlined in the following steps:

Step I. Divide the wing-body configuration into three components as in Step I of Paragraph A.

Step 2. Determine the normal-foree-curve slope of the exposed wing (CNa). from the straight

tapered-wing method of Paragraph C of Section 4. I .3.2, based on its exposed area S•.

Step 3. Determine the normaHorce-clrve slope of the body nose (CNa)B by the method ofPara

graph C of Section 4.2.1.1, based on the nose frontal area.

Step 4. Using the normaHorce-curve slopes determined inSteps 2 and 3, calculate CN CN
aWIB) a BIWI

and CN ' referred to the total wing area, by
aN

KWIB1 (CNa).
S.

CN =
a WIBI Sw

CN KBIW1 (CNa) •
S.

=
a BIWI Sw

4.3.2.2-1 J



where KW1BI and KB1WI are interference factors obtained from Paragraph C of

Section 4.3.1.2.

Step 5. Determine the a.c. location of the exposed wing as a fracti0n of the root chord of the
x'ao.

exposed wing -- from Rgure 4.1.4.2-26. The interference effect of the body-lift in the
c,

e

presence of the wing is neglected and the a.c. location of the body-lift carryover on the
wing is taken as the a.c. location for the exposed wing, i.e.,

Step 6.

(
x~.o.) = x~.o.
c e

re W(B! r e

Determine the a.c. location of the wing-lift carryover on the body (X~.o.)
c,e 8(WI

Figure 4.3.2.2-37 is presented for estimating the a.C. of the lift carryover of the
wing onto the body. The result is referred to the leading edge of the root chord of
the exposed wing. Figure 4.3.2.2-37 is valid for

Figure 4.3.2.2-37 can be used for an approximation to (:~o) for the low-aspect-
re B(W)

ratio range. However, if a mare accurate result is desired, the low-aspect-ratio values
may be found by cross-plotting these charts and extrapolating them to the slender-body
theory values 1t f3Ae = 0 from Figure 4.3.2.2-36b.

Step 7. Determine the a.c. location of the body nose and fore body as a fraction of the root chord of

the exposed wing (X~o.) , and referred to the exposed-wing apex.

". N

The center of pressure of the body nose and forebody as a fraction of body
x

nose length~ ,and referred to the nose apex is obtained from Paragraph
iN

C of Section 4.2.2.1. Then

( x~.c.) _ iN (Xc.P. )- -----1
cr cr 1N

• N •

Step 8. Using the results calculated in Steps 4 through 7, Equation 4.3.2.2-a gives the a.c. location of
the wing-body configuration measured in exposed wing root chords and aft of the exposed
wing apex. The a.c. location measured in wing root chords aft of the wing apex is given by
Equaiion 4.3.2.2-b.
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Sample hoblem I on Pages 4.3.2.2-18 through 4.3.2.2-21 illustrates the use of this method.

A comparison of test data with results calculated by using this method is presented asTable 4.3.2.2-D. The
limited number of test points presented precludes substantiation of this method over other than very limited
ranges of planform and flow parameters. Within the linear-lift range, profile parameters. such as camber,
twist, and airfoil shape would be expected to have only a minor influence on the wing-body aerodynamic
center location.

It should be noted that the Datcom method for configurations with non-straight-tapered wings, which
follows, uses essentially the same approach as that presented for configurations with straight-tapered wings.
Therefore, substantiation of the method for non-straight-tapered wings serves to validate the method for
straight-tapered wings.

Non-Straight-Tapered Wing-Body Configurations

The method for determining the supersonic aerodynamic-center location near zero lift of wing-body con
figurations with non-straight-tapered wings is taken fromReference 5. Both the wing-alone and the wing
body a.c.-prediction approaches are applied at supersonic speeds. Criteria have been established, during the
course of the study conducted in connection with Reference 5, for determining which prediction approach
is applicable to a given configuration.

The wing-body combinations are treated as wing-alone cases when the theoretical wing planform practically
blankets the body. For such cases, the Datcom method for predicting the aerodynamic-center location of
non-straight-tapered wings presented in Paragraph C of Section 4.1.4.2 is directly applicable. The method
consists of dividing the complete theoretical planform (extended to the plane of symmetry) into two panels
with each panel having conventional, straight-tapered geometry. Then for each of the constructed panels,
the individual normal-foree-curve slope and aerodynamic-center location are estimated by treating each
constructed panel as a complete wing. The individual normal-force-curve slope and aerodynamic-center
location determined for each constructed panel are then mutually combined in accordance with an "inboard
outboard" weighted-area relationship to estimate the aerodynamic-center location for the basic wing-body
configuration.

The sample problem at the conclusion of Paragraph C of Section 4.1.4.2 illustrates the wing-alone approach.

The majority of the wing-body combinations investigated inReference 5 required application of the wing
body approach to predict the linear aerodynamic-center location. This approach, introduced in this section,
consists of breaking down the wing-body configuration into components and evaluating the exposed-wing
lift in the presence of the body, the wing-lift carryover on the body, and the body nose effects. The basic
approach is then essentially that presented for predicting the aerodynamic-center location of straight
tapered wing-body configurations at supersonic speeds. However, the method is more complex, since the
exposed composite wing must be subdivided in order to estimate its normal-foree-curve slope and
aerodynamic-center location.

The procedure to be followed in using the wing-body approach to predict the supersonic linear aerodynamic
center location of a non-straight-tapered wing-body combination is outlined in the following steps:

Step l. Divide the wing-body configuration into three components as follows (see Sketch (a)):

(I) The exposed composite wing in the presence of the body, denoted by the
subscript W(B).

(2) The body in the presence of the wing, denoted by the subscript B(W).

(3) The body nose and fore body ahead of the wing-body juncture, denoted
by the subscript N.
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Step c. Subdivide the exposed composite wing into inboard and outboard panels and determine
their pertinent geometric parameters. The exposed wing is subdivided as discussed and
illustrated in Paragraph A of Section 4.1.4.2 (see Pages 4.1.4.2-4 through 4.1.4.2-6).
Application,r that technique applied to a typical wing-body configuration is illustrated
in Sketch (b l.

c •,
u~

H

-------•u~ C r--- '0

d

2

ALE.
I

[',

I
I
I (Ct.) j

= c,

I 0

~
I
I

d,JLlv Llv c. = c.
0

tC·)2 i bw

2

SKETCH (b)

Step 3. Determine the normal-force-curve slope [(C"'a).] j of the constructed inboard panel using

the method for straight-tapered wings of Paragraph C, Section 4. J.3.2, based on the area \S ) .
• I

4.3.2.2-14



Step 4. Determine the a.c. location of the constructed inboard panel (::.:), as a fraction of its

root chord from Figure 4.1.4.2-26. This a.c. location is aft of the apex of the exposed con
structed inboard panel.

Step 5. Determine the normal-force-curve slope (C
Na
t' of the constructed outboard panel using

the method for the straight-tapered wings of Paragraph C of Section 4.1.3.2, based on
the area S:.

Step 6. Determine the a.c. location of the constructed outboard panel (::c)~ as a fraction of its

root chord from Figure 4.1.4.2-26. This a.c. location is aft of the apex of the constructed
outboard panel.

Step 7. Convert the a.c. location determined in Step 6 to a fraction of the root chord of the exposed
constructed inboard panel and aft of the apex of the exposed constructed inboard panel by

I
C,

o
tan ALE +

o
tan ALE, 4.3.2.2-e

Step 8. Calculate the a.c. location for the exposed composite wing, measured in root chords of the
exposed inboard panel, aft of the exposed composite-wing apex by

4.3.2.2·f

Step 9. Calculate the normal-force-curve slope for the exposed composite wing, based on the exposed
wing area, by

(c ) =N a • 4.3.2.2-g

Step 10. Determine the normal-force-eurve slope of the body nose (c ) by the method of Para
Na B

graph C of Section 4.2. 1.1, based on the nose frontal area.

Step II. Using the normal-force-eurve slopes determined in Steps 9 and 10, calculate C
N

aWIB)

and CN referred to the total wing area,by
aN
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(S ) + S'.. 0

KwIBI (c;..a).

,
CN =

a WIBI Sw

(S ) + S'. . 0

K BIW1 (CNa).

,
CN =

a BIWI Sw

lTd 2
CN = (CNa)B 4SwaN

where KWIB1 and KB1W1 are interference factors obtained from Paragraph C of

Section 4.3.1.2. The design charts of Section 4.3.1.2 are entered with the following
geometric parameters:

A. is the aspect ratio of the exposed composite wing.

>... is the taper ratio of the exposed composite wing ell (c,.);

ALe is replaced by ALe.',

b is the total wing span (to body center line).

c,. is replaced by (c'.);'

Step 12. Determine the a.c. location of the exposed wing in the presence of the body (X ~.c.) .Th
ere WIBJ

interference effect of the body lift in the presence of the wing is neglected and

(

X' )ac.

cre WIBI

X'
a.c.

(from Step 8)

Step 13. Determine the a.c. location of the wing-lift carryover on the bOdy/~~.c.) by the pro-
\ re B(W)

cedure outlined in Step 6 of the supersonic Datcom method for determining (::.c) for
re alWI

a straight-tapered wing-body configuration (Page 4.3.2.2-12). In applying that procedure the
geometric parameters to be used are those defined in Step II of this method (see above).

Step 14. Detennine the a.c. location of the body nose as a fraction of the root chord of the exposed

wing (::.c)N' and referred to the exposed-wing apex,by the procedure outlined in Step 7

of the Datcom method for a straight-tapered wing-body configuration (Page 4.3.2.2 -12).
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Step 15. Using the results calculated in Steps II through 14, Equation 4.3.2.2-a gives the a.c. location
of the wing-body configuration measured in root chords of the exposed composite wing and
aft of the apex of the exposed composite wing. The a.c. location, measured in root chords
of the composite wing and aft of the wing apex, is given by Equation 4.3.2.2-b. In applying
Equation 4.3.2.2-b the leading-edge sweep angle is that of the inboard panel ALE'

o

This method is illustrated by Sample Problem 2 on Pages 4.3.2.2-21 through 4.3.2.2-26.

Comparisons of test data with results calculated by using this method are presented in Tables 4.3.2.2-E and
4.3.2.2-F (both taken fromReference 5) for configurations with double-delta and cranked wings, respectively
The test data indicate that within the linear-lift range, profile parameters such as camber, twist, and airfoil
shape have only a minor effect on the wing-body aerodynamic-center location. The ranges of plan form
parameters of the test data are:

Double-Delta Configurations Cranked Configurations

1.3 ,,;; A ,,;; 3.0 1.88 ,,;; A ,,;; 4.60

0 ,,;; A ,,;; 0.143 0.086 ,,;; A ,,;; 0.333

0.217 ,,;;
1)B

,,;; 0.710 0.400 ,,;; 1)B ,,;; 0.700

600 ,,;;
ALE.

,,;; 82.90 600 ,,;;
ALE.

,,;; 70.70

0 ,

35 0 ,,;;
ALE ,,;; 600 350 ,,;;

ALE ,,;; 75 0

0 0

The range of Mach number for both of these configurations is 1.0 ,,;; M ,,;; 3.0.

The test configurations investigated have only one break in the leading-edge sweep, and for those configura
tions with both leading- and trailing-edge breaks, both breaks occur at the same span station.

Three double-delta configurations ofTable 4.3.2.2-E meet the criteria established for the wing-alone predic
tion technique. Satisfactory results were obtained for each of these configurations by using the wing-alone
approach. These cases are noted in Table 4.3.2.2-E. All the cranked-wing test configurations of Table
4.3.2.2-F were analyzed by using the wing-body approach.

It should be noted that several configurations which meet the prediction criteria for the wing- body
approach have been evaluated by using the wing-alone approach, in which the wing-lift carryover and body
nose effects are neglected. The wing-alone approach did not yield satisfactory predictions for any of those
configurations.

Although the techniques are applicable to wing-body combinations with curved wings, test data are not
available for substantiation purposes. Only one wing-body combination with a curved wing has been
investigated at supersonic speeds. Since this configuration has a very small body and the planform projection
effectively blankets nearly all the body, it has been included in the curved wing-alone substantiation of
Section 4.1.4.2 (Table 4.1.4.2-C).
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Sample Problems

I. Straight-Tapered Wing-Body Configuration

Given: A wing-body configuration ofReference 26.

Exposed-Wing Characteristics:

Total-Wing Characteristics:

Aw= 4.0 Sw = 13.99 sq in. AW = 0

c = 3.74 in.
'w

Airfoil: 8-percent-thick double wedge
(free-stream direction)

A
e

= 4.0

c'e = 3.0 in.

A = 0
e

= 0.64

Budy-Nose Characteristics:

Ogive-cylindcr

In = 4.25 in.

d = 1.50in.

In
f = - = 2.83

nose d

= 0.20 5.0 in.

I, = l'o,"bodY = 0.75 in.

Additional Characteristics:

M = 1.50 ; {3 = 1.12

Compute:

(c ) (Section 4.1.3.2)
Na e

f forebody 0.50

1.00
= -- = 0.893

1.12
Ae tan ALE = (4.0) (1.00) = 4.00

(3 [(C) 1= 4.0 per rad !.Figure 4. 1.3.2-56a)
Na theo,y e
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[(CN ) ] = 4.0/1.12 = 3.57 per rad
a theory e

[
(C C)Na ] = 0.884 (Figure 4.1.3.2-60)

Na theory e

(C'.). ~ [(C,.~::J [(C'.)._1. • 0.884(3.51) • 316 ,,,,.d

(c ) (Section 4.2.1. 1)
Na B

f, 0.50
0.396 ; f = 2.83 =

n

0.177

(c ) = 2.60 per rad (based on nose frontal area) (Figure 4.2.1.1-21 a)
Na B

Interference factors (Section 4.3.1.2)

KW1Bl = 1.17 (Figure 4.3.1.2-10 at ~ = 0.20)
bw

KB1Wl (Figure 4.3.1.2-1Ia)

Ild

c,
o

(1.12)(1.50)
= 0.560 ; IlcotA

LE
= (1.12)(1.00)

3.0
;;; 1.12

KB1W) = 3.60/14.16 = 0.254

Component normal-force-curve slopes, referred to Sw

= 1.17 (3.16)(0.64) = 2.37 per rad
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0.254 (3.16)(0.64) ; 0.514perrad

(

X' )a.c.

ere W(B)

(Section 4.1.4.2)

rr( 1.5)2
2.60 4(13.99) ; 0.328 per rad

X'
a.c.

C
'e

0.670 (figure 4.1.4.2-26a)

~:j BIW)

X'
a.c.

=-
C

'e

= 0.670

(X~c.) = 0.800 (Figure 4.3.2.2-37a)
ere B(W)

X
--=.P.:.. = 0.488 (Figure 4.2.2.1-18a)

I N

Solution:

_ I N (Xc.P. )-- -- 1
C I N'e

5= "3 (0.488 - I) = -0.853
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-0.853 (0.328) + 0.670 (2.37) + 0.800 (0.514)
" 0.328 + 2.37 + 0.514

" 0.535

Xa.c.

c, "(:,~.c) (Equation 4.3.2.2-b)

(3) 1.5(1.0)
"0.535 3.74 + 2(3.74)" 0.630

x..c.
The calculated result compares with a test value of -- " 0.62 from Reference 26.

c,

2. Non-Straight-Tapered Wing-Body Combination

Given: The wing-body combination ofReference 32 designated 6-67-67.

Total-Wing Characteristics:

Aw "2.42 Sw" 238.0 sq in. A
W

= 0.086

A." 1.82 x. " 0.110 c, "20.76in.
•

ALE. "70.670
ALE "51.630 '7B " 0.40

, 0

= 0.125

f, = 1.78

f
n

= 3.50

ATE "26.620 c," 2.29 in.
o

bw " 24.0 in.

IN = 15.83 in.

l n " 10.5 in.

Ogive-cylinder d " 3.0 in.

b. " 21.0 in.

Airfoil: 6% hexagonal with maximum thickness
at c/3 (strearnwise)

1, = 1 . = 5.33 in.
forebodV

c, " 26.63 in.

Body-Nose Characteristics:

Exposed-Wing Characteristics:

• c
'0

2

." ,r+4c, u
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Constructed-Exposed-In board-Panel Char;l.cteristics:

(S) = 94.15 sq in.
e i

/ly = 1.65 in.

(Ae\ = 0.463 O\e\ = 0.374 (Cre)i = 20.76 in. (ALEe)i

(b; ) i = 3.30 in

Constructed-Exposed-Outboard-Panel Charaderistics:

A~= 3.13 A~= O. 254 <a = 9.03 in.

( b
2

)' = 8.85 in.
a

S' = 100.2 sq in.a

Additional Characteristics:

M = 2.01 ; {3 = 1.744

Compute:

[(C ) 1 (Section 4.1. 3. 2)
Na 8 Ji

{3
=

1.744
tan 70.670 = 0.6117; [(AtanALE)e]i =' (0.463) (tan 70.67°) = 1.32

tan ALE. {(CN ) ] = 2.30 per rad (Figures 4.1.3.2-S6c through -56e, interpolated)
I a eth80ry i

[/C) ] = 0.807 per Tad
\ Na 8 theary

0.03
0.333

= 15.63° 5.85 tan 51 = 1.638

0.742 per rad
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C:c) .
e ,

(Section 4.1.4.2)

(:~c-\ = 0.430 (Figures 4.1.4.2-26cthrough -26e, interpolated)
reJI

=
tan 51.63 0

1. 744
= 0.724; (A tan ALE): '" (3.13) (tan 51.63°) = 3.95

(3 [(C
Na

) 1' = 4.18 per rad (Figures 4.1.3.2-56b through -56d, interpolated)
theory 0

[(CN ) ] , '" 2.40 per rad
a theory 0

(Xc"rC~o'I. (Section 4.1.4.2)

~::C{ = 0.863 (Figures 4.1.4.2-26b through -26d, interpolated)

tan ALE (Equation 4.3.2.2-e)
I

= 0.863
9.03
20.76

1.65 3.30
20.76 (1.2631) + 20.76 (2.851) = 0.728
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x'
Determine the a.c. location of the exposed composite wing~

c'.

x'
..c.

=
0.742 (94.15) (0.430) + 2.15 (100.2)(0.728)

0.742 (94.15) + 2.15 (100.2)

= 0.655

Determine the normal-force-curve slope of the exposed composite wing (CNa).

=

[(CNa).t(S.\ + (cNat S:
(S) + S'

• i 0

(Equation 4.3.2.2·g)

0.742(94.15) + 2.15(100.2)
=

94.15 + 100.2

= 1.468 per rad

(C ) (Section 4.2.1.1)
\ Na B

{3 1.744
-= --= 0.50
fn 3.50

f, 1. 78
'-= = 0.51
, f 3.50

n

(CNa)B = 2.78 per rad (Figure 4.2.1.1-21a)

Interference factors (Section 4.3.1.2) (See Step 11 of Datcom method for correct geometric parameters,
Page 4.3.2.2-16.)

KW1B1 = 1.10 (figure 4.3.1.2-10 at :W = 0.125)

(
tan ALE. )

/3Ae (I + Ae) {3 I + I = (1.744)(1.82)(1.110)

therefore, use Figure 4.3.1. 2-11 a.

(
2.851 ~--+ 1 = 9.28'
1.744 •

!{3 (Cr.a). (Ae + 1) C-1)1= 1.744 (1.468)(1.110)(7.0) = 19.89
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iJ cot ALE = (1.744) (0.3508) = 0.612;,
iJd (1.744)(3.0)

20.76
= 0.252

KB1W) [iJ(C
Na

). 0\. + I) (: - I)] = 2.90 \Figure 4.3.1.2-1Ia)

K
BIW1

= 0.147

Component normal-force-cuIVe slopes) referred to Sw

(S ) + S'. . 0 94.15+100.2
KW(B) (CN a ) •

,
CN = 1.1 0 (10468) = 1.32 per rad

a WIBI Sw . 238.0

(S ) + S'
• i 0 94.15+100.2

CN = KB(WI (C Na). Sw
0.147 (10468)

238.0
= 0.176 perrad

a BIWI

rrd 2 rr9C
N

= (C ) -- = (2 78) --- = 0.0826 per rad
aN Na B 4Sw . 4(238)

(- x~.c.) The interference effect of the body is neglected.

\ c'. W(BI

(

X' )..c.

ere W(B)

X'..c.
=--= 0.655 (calculated on Page 4.3.2.2-24)

(

X' )•.c.
-c- (See step II of Datcom method for correct geometric parameters, Page 4.3.2.2-16.)

re B(WI

I-x;.c.) = 0.640 (Figure 4.3.2.2 -37a)

\ ere B(W)

(:~c.)
'. N

X c.p.
--= 0.405 \Figure 4.2.2.1-18a)

15.83
20.76 (00405 - I) = -00454
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Solution:

C~c") C' ) (' )a.c, a.c.
CN + CN

+ ~ B(W)

CN
x' aN ere W(BI aWlS) a SIW)a.c. " N

CN + CN + CN

(Equation 4.3.2.2-a)
c,, aN aWlS) a SIWI

-0.454 (0.0826) + 0.655 (1.32) + 0.640 (0.176)

0.0826 + 1.32 + 0.176

= 0.595

X a.c.
c, = ~~~c) C:) +

d

2c,
(Equation 4.3. 2.2-b)

= 0.595

= 0.624

20.76

26.63

3
+ (2.851)

2(26.63)

The calculated result compares with a test value of
Xa.c.

c,
= 0.626 from Reference 32.

,.

2.

3.

4.

5.

6.

S.

9.
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TABLE 4.3.2.2-A

SUBSONIC AERODYNAMIC-CENTER LOCATIONS OF WING-BODY
COMBINATIONS WITH STRAIGHT-TAPERED WINGS

DATA SUMMARY AND SUBSTANTIATION

xa.c, xa.c,

AQMAC
-- -- 0

S ALE
c c

d 0
, r Percent

Ref. I) A Sw A (dog) fN ff M x 10-6 Calc. Tost Error
0 0

6 .15 .67 .82 2.5' 52 2.75 .80 .13 6.8 .910 .900 1.1

7 .1' .62 .83 3.58 60 '.00 0 .40 2.0 1.510 1.520 -0.7

.70 3.1 1.520 1.520 0

.91 3.5 1.530 1.540 -0.6

.1' .62 .83 3.58 35 5.00 0 .40 2.0 .690 .690 0

.70 3.1 .690 .690 0

.91 3.5 .750 .770 ·2.6

.1' .62 .83 3.58 7 5.50 0 ••0 2.0 .220 .230 ".3

.70 3.1 .220 .230 ".3

.91 3.5 .300 .330 ·9.1

8 .20 1.00 .80 2.40 .5 1.50 1.0 .29 .9 .960 .950 1.1

.40 .60 1.80 .640 .650 ·1.5

.80 .20 .60 -2.180 -2.200 ·0.9

9 .18 .17 .70 2.84 38.7 1.75 5.33 .60 3.0 .389 .350 11.1

~ 101
Average Error = --. 2.7%

n
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TABLE 4.3.2.2·B

SUBSONIC AERODYNAMIC-CENTER LOCATIONS OF WING·BODY COMBINATIONS
WITH DOUBLE·DELTA WINGS

DATA SUMMARY AND SUBSTANTIATION

,
a.c.

,
ALE ALE

a.c.-- -. •
'1 8

, 0 " " Percant
Ref. Confi'l. A A (de'l) (degl M Calc. TK' Error

10 W8 2.01 0.067 0.313 78.0 53.3 0.40 0.689 0.714 - 3.5

j j I 0.70 0.697 0.724 - 3.7

0.90 0.705 0.738 - 4.5

1.96 0.062 0.405 48.5 0.40 0.702 0.728 - 3.6

I I I j 0.70 0.710 0.738 - 3.8

0.90 0.722 0.756 - 4.5

1.93 0.059 0.498 38.1 0.40 0.714 0.738 - 3.3

j I j j 0.70 0.726 0.746 - 2.7

0.90 0.739 0.772 - 4.3

1.30 0 0.500 82.0 60.0 0.40 0.737 0.777 - 5.1

j ! I 0.70 0.750 0.785 -·4.5

0.90 0.765 0.798 -4.1

1.33 0.049 0.403 0.40 0.737 0.770 - 4.3

I j j 0.70 0.741 0.744 - 0.4

0.90 0.749 0.788 -49

1.55 0 0.400 59.0 0.40 0.730 0.743 - 1.7

j 0.70 0.737 0.755 - 2.4

0.90 0.748 0.768 - 2.6

1.72 0.414 77.4 0.40 0.668 0.700 - 4.6

! I I 0.70 0.676 0.707 - 4.4

0.90 0.688 0.727 - 5.4

11 W8 2.39 0 0.217 82.9 60.0 0.70 0.157 0.748 1.2

I I I I I I I 0.90 0.764 0.761 0.4

12 W8 1.81 0 0.424 72.6 59.0 0.10 0.685 0.710 .- 3.5

I I 1.73 I 0.551 73.0 j I 0.681 0.n1 -·5.5

I I 0.414 77.4 0.663 0.61b -1.9
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TABLE 4.3.2.2·B (CONTO)

X
8.C.

X8.e.
ALE. "'cEo -- -- •, " " Percent

R.f. Conflg. A A ~B (deg) (deg) M Calc. THt Error

12 WB 1.87 0 0.332 77.2 59.0 0.10 0.662 0.660 0.3

1.46 0.091 0.484 72.6 0.644 0.683 ~ 5.7

1.34 0.083 0.628 73.0 0.643 0.706 - 8.9

j 0.075 0.473 77.4 0.633 0.666 ~ 5.0

1.46 0.082 0.379 77.2 0.628 0.659 - 4.7

13 WB 2.39 0 0.217 82.9 50.0 0.30 0.753 0.750 0.4

"
WBV 3.00 0 0.654 60.0 42.1 0.20 0.576

15 WB 3.00 0 0.654 60.0 42.1 0.70 0.589

j I I I j j I 0.80 0.595 (.)

0.90 0.604

I. WBV 1.89 0 0,400 73.4 59.0 0.10 0.624

la) This information Is classified CONFIDENTIAL. ~ 1'1
3.4%Average Error - -- -

n

TABLE 4.3.2.2·C

SUBSONIC AERODYNAMIC·CENTER LOCATIONS OF WING-BODY
COMBINATIONS WITH CRANKED WINGS

DATA SUMMARY AND SUBSTANTIATION

x xa.c. a.c.

ALE. ALE
-- -- •
" " Percent

A ~B ldo,1
0

THtAaf. Config. A (deg) M Calc. Error

17 WB 2.91 .167 .500 67.0 61.7 .60 .770 .797 - 3.4

I I I I j j j
I

.30 .780 .802 ~ 2.7

j .90 .784 .B04 - 2.5

18 WB 3.00 .456 .5B4 59.0 48.5 .IB 1.038 .997 4.1

lB WB 6.18 .136 .306 65.0 12.0 .50 .739

j j I I j I j .80 .750 (.)

.90 .757
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TABLE 4.3.2.2·C (CONTO)

x xa.c. ..c.

'\E ALE -- -- •, 0 " " Percent

Raf. Conflg. A A '1B (degl (dog' M Calc. T... Error

19 WB 4.60 R.ked .404

I
46.0 .50 .928

1 I I 1 j I .80 .943

.90 .954

20 WBV 5.95 0 .345 60.0 25.0 .30 .771

j I .090 .379 I j I .689
{.,

5.15

21 WBV 2.49 .280 .654 25.0 75.0 .25 .610

2.18 .187 45.0 .672

1.86 .129 60.0 .707

1.68 .104 66.3 .726

22 WBVN 5.16 .089 .371 60.0 25.0 .23 .679 .683 - 0.6

1.89 R.ked .540 75.0 .845 .900 -6.1

4.49 .129 .269 30.0 .21 .654 .660 - 0.9

4.00 .162 .302 43.0 I .714 .125 - 1.5

1.76 R.ked .463 70.5 .690 .749 - 7.9

23 W8VN 5.15 .090 .379 60.0 25.0 .60 .693

j j j I .BO .704

.90 .716

3.44 R.ked .475 55.0 .60 .802

j I j
J

.80 .814

.90 .832
'a'

23 WBVN 1.88 Raked .654 60.0 75.0 .60 .831

I I I l I j J

.BO .835

j .90 .833

2. WBV 3.83 .076 ,413 72.0 25.0 .19 .720

25 WB 6.93 .116 .224 76.0 35.0 .27 .964

j I 6.40 .102 .270 I I I .823

~ lal
fa) This Information Is classified CONFIDENTIAl. Average Error - -- .. 3.0%

n
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TABLE 4.3.2.2·0

SUPERSONIC AERODYNAMIC·CENTER LOCATIONS OF WING·BODY
COMBINATIONS WITH STRAIGHT·TAPERED WINGS

DATA SUMMARY

, ,
RiMAe

a.c. •.c.
S. -- -- •

.'!. ALE e, e, Percent
Ref. b \ Sw A. ldogl

fN ff M )( 10-6 Calc. T." Error

26 .60 0 .16 .67 80.4 2.85 .50 1.50 5.5 .570 .580 -1.7

I I j I I j I 2.02 I .580 .560 3.6

.20 0 .54 4.0 45.0 2.85 .50 1.50 5.5 .630 .620 1.6

I I I I j I I 2.02 j .620 .620 0

27 .09 .21 .85 3.4 51.5 2." 1.6 2.01 2.2 .860 .848 1.4

J j J j J j j j I .860 .844 I."

.850 .1328 2.7

.09 .21 .85 3.4 21.5 2." 3.3 1.60 2.2 .460 .463 -0.6

I I I I j j j 2.01 j .470 .450 4.4

l: 1.1
Average Error .. -- .. 2.0%

n

TABLE 4.3.2.2·E
SUPERSONIC AERODYNAMIC·CENTER LOCATIONS OF WING·BODY

COMBINATIONS WfTH DOUBLE·DELTA WINGS

DATA SUMMARY AND SUBSTANTIATION

, ,
ALE

a.c. ..c.
ALE -- -- •I 0 e, e,

Percent
Ref. Con fig. A A 118 {dogl (deg) M Calc. T.., Error

10 WB 1.30 0 .500 82.0 60.0 1.00 .796 .821 - 3.2

1.10 .790 .821 - 3.8

1.40 .787 .B05 - 2.2

1.98 .175 .785 - 1.3

2.94 .754 .760 -0.8

W8 1.33 .04" .403 82.0 60.0 1.00 .766 .861 ~ 11.0

1.10 .790 .813 - 2.8

1.40 .786 .BOB -·2.7

1.98 .175 .791 -2.0

2.94 .762 .771 -1.2
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TABLE 4.3.2.2·E ICONTO)

•a,c. •a.c. IALE. ALE - -- •, 0 "
,, Percent

Ref. Con fig. A A ~B ldeg) (deg) M Calc. Test Error

,0 wale) 1.55 0 .400 82.0 59.0 1.00 .769 .790 - 2.7

1.10

I
.774 .790 - 2.0

1.40 .765 .781 - 2.0

1.98 .753 .768 - 2.0

2.94 .738 .749 - 1.5

WB 1.72 0 .414 82.0 59.0 1.00 .725 .751 -3.5

I J J j j
J

1.10 .737 .750 ~ 1.7

1.39 .732 .748 - 2.1

"
wale) 2.39 0 .217 82.9 50.0 1.20 .BOO .BOO 0

2.00 .785 .790 - 0.6

3.00 .700 .778 -1.0

4.00 .759 .771 -1.6

2B WB 2.35 .143 .700 61.7 35.0 1,41 .670 .680 - 1.5

I I 2.01 .880 .640 3.1

1.95 .111 • 1.41 .544 .589 - 4.4

I j 2.01 .548 .531 2.B

29 WBVN 1.95 0 .215 74.7 60.0 1.70 .889 .697 -4.0

I J j j j
J J

2.00 .671 .B94 - 3.3

2.20 .673 .688 - 2.2

30 wa lel 1.79 .104 .558 13.0 47.2 2.01 .724 .705 2.7

15 WB 3.00 0 .B64 60.0 42.1 1.00 .B58

1.05 .564

1.25 .655

1.30 .B58 Ib)

31 WB 2.80 0 .710 60.0 49.3 1.80 .645

2.16 .647

2.88 .B50

3.07 .652

lei Predicted using wlnR-elone approach

(bl This informetion is clHlified CONFIDENTIAL. 1: lei
2.6%Aver. Error - -- •

n
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TABLE 4,3.2.2·F

SUPERSONIC AERODYNAMIC·CENTER LOCATIONS OF WING·BODY
COMBINATIONS WITH CRANKED WINGS

DATA SUMMARY AND SUBSTANTIATION

•a.c. •a.c.
ALE ALE

-- -- •, 0 " " Percent

R.f Con fig. A X ~8 ldegl !deg) M Calc Test Error

" WB 3.15 .150 .400 64.1 51.6 1.61 .845 .845 0

2.86 .120 j I .691 .688 0.4

2.62 .100 .584 .586 - 0.3

2.86 .120 70.7 51.6 .859 .863 - 0.5

2.62 .100 .724 .727 - 0.4

2.42 .086 .631 .635 - 0.6

2.86 .120 2.01 .853 .846 0.8

2.42 .086 j .624 .626 - 0.3

28 WB 4.00 .333 .700 61.7 35.0 1.41 1.433 1.420 0.9

j I j j j 2.01 1.391 1.3B4 2.0

2.97 .200 .J:OO 61.7 35.0 1.41 .891 .903 ~ 1.3

j j j I j 2.01 .876 .B64 1.4

17 W8 2.91 .167 .500 67.0 61.7 1.41 .843 .872 - 3.3

j I I I I I I 2.01 .853 .863 - 1.2

33 W8 2.91 .167 .500 67.0 61.7 1.41 .859 .899 - 4.4

I j j j J j I 1.61 .865 .899 - 3.8

2.01 .852 .879 - 3.1

34 WBV 1.88 .130 .654 60.0 75.0 2.50 .896 .875 2.4

j 3.00 .903 .862 4.8

35 1.00 .776 .790 - 1.8

1.13 .810 .821 - 1.3

1.20 .821 .824 - 0.4

..aD .828 .827 0.1

19 WB 4.60 Raked .404 65.0 45.0 1.03 1.00B .990 1.8
t-ip

1.20 1.012 1.010 0.2

2.30 .977 .946 3.3

2.60 .970 .926 4.8

3.00 .962 .910 5.7
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TABLE 4.3.2.2·F (CONTO)

.5.4.1 .2 .3

body diametet/wing span, k
o-"'I~

I

•a.c. •8.C.

ALE. ALE
~ ~

,
, 0 "

,, Percent
Ref. ConfiQ. A A 'Is (degl (dagl M Calc. T'" Error

23 WBVN 3.44 Aaked .415 60.0 55.0 1.00 .935
tip

I 1.20 .956

j
1.40 .962

2.20 .979 ,.)
1.88 Raked .675 60.0 75.0 1.00 .949

tip

1.20 1.004

1.40 1.002

2.20 1.100

,.) This information is classified CONFIDENTIAL.
~ 1'1Average Error = -- = 2.6%

n
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FIGURE 4.3.2.2-35 PARAMETER USED IN ACCOUNTING FOR WING-LIFT
CARRYOVER ON THE BODY
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(a) WITH AFTERBODY
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4.3.3 WING-BODY DRAG

4.3.3.1 WING-BODY ZERO-LIFT DRAG

The problem of estimating the zero-lift drag of a wing-body combination is one of properly accounting for
the mutual interferences that exist between its components. There are two principal approaches to the
problem. One attempts to isolate the individual interferences, and the other combines the drag of compo
nents with the interference drag and analyzes the total configuration. The Datcom method for subsonic
speeds consists of applying an interference correction factor to the skin-friction and pressure-drag contri
butions of the exposed components. The method presented for transonic speeds treats the configuration as
• unit by simply adding the drag contributions of the gross components. At supersonic speeds the wing'body
zero-lift drag is obtained by summing the drag contributions of the exposed wing and the isolated body. The
methods presented for the subsonic-, transonic-, and supersonic-speed regimes are for a fully turbulent
boundary layer over the body and the wing.

A. SUBSONIC

Subsonic wing-body interference is caused by several phenomena, of which two are especially important.
First, the wing and body produce supervelocities due to thickness that increase the skin friction in the
vicinity of the wing-body junction. Second, the confluence of boundary layers at the junction can caus~

premature boundary-layer separation, which, however, can sometimes be prevented or at least postponed by
proper fillet design. It has not been possible to establish a general method for estirnatillll interference drag.
Although the Datcom method uses interference correction factors based on experimental results for wing
body combinations, it should be pointed out that most of the bodies were conventional, ogive-eylinder
combinations of high fineness ratio, and no detailed investigation has been made to evaluate body effects.
Therefore, the method should not be construed as pertaining to generalized wing-body combinations with
arbitrary body shapes.

The Datcom method is that of Teference I and is applicable to wing-body conligural1ons consisting of a
body of revolution in combination with the following two classes of wing planforms:

~traight-Tapered Wings (conventiona!, trapezoidal planforms)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings
Curved (Gothic and ogee) wings

DATCOM METHOD

The subsonic zero-lift dr~~ coefficient of a wing-body combination, based on the reference area, is determined
by addlOg the drag coeffICIents of the ex.posed componenls and applying an interference correction factor to
the skl~-fnchon and pressure-drag contnbutlOns. The component contributions of the wing and body are
determlOed by the methods of Sechons 4.i.5.1 and 4.2.3.1, respectively. This approach is summarized by

4:3.3.1 ...
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where

CrW

Cr8

S 'Or

is the turbulent flat-plate skin-friction coefficient of the wing (or wing panel in the case of
composite wings), including roughness effects, as a function of Mach number and the
Reynolds number based on the reference length 2. This value is determined as discussed in
paragraph A of Section 4.1.5.1. The reference length 2 is the mean aerodynamic chord
C, of the exposed wing (or exposed wing panels in the case of composite wings).

is the turbulent fiat-plate skin-friction coefficient of the body, including roughness effects, as
a function of Mach number and the Reynolds number based on the reference length 2. This
value is determined as discussed in paragraph A of Section 4.1.5.1. The reference length 2 is
the actual body length 28'

is the wetted area of the exposed wing (or exposed wing panels in the case of composite
wings).

is the exposed wetted area of the body (the wetted area of the isolated body minus the sur
face area covered by the wing at the wing-body juncture).

is the reference area.

RW8 is the wing-body interference correlation factor obtained from figure 4.3.3.1-37 as a function
of Mach number and the fuselage Reynolds number based on tho actual body length 28'

The remaining parameters in equation 4.3.3.I-a are presented in either Section 4.1.5.1 or Section 4.2.3.1.

In treating non-straight-tapered wings the wing zero-lift drag contribution is obtained for the exposed
inboard and the outboard panels separately (based on the reference area) and then added. Curved planforms
are approximated by combinations of trapezoidal panels, in which case two such panels are usually sufficient
to give a satisfactory result. An ogee planform has been chosen for the sample problem to illustrate how the
method is applied to curved planforms, as well as to show the general application of the method to double
delta and cranked planforms.

Non-straight-tapered wing geometric parameters are presented in Section 2.2.2.

The wing-body interference correlation factor Rw 8 was developed in reference I by determining the ratio
of test values of CD to values predicted on the 'basis of RW8 =1.0 for several wing-body combinations.

a
Both conventional, trapezoidal planforms and composite planforms have been used in the correlation; how
ever, most of the bodies were conventional ogive-cylinders of high fineness ratio. Composite planform data
are limited to values of fuselage Reynolds number below 2.4 x 107 . The curves for values of R2 > 2.4 x 107

lu.
were generated using the basic prediction method of reference 2, which has been correlated with flight-test
data. It should also be noted that the correlation does not include data below M = 0.25.

A comparison of test data for 15 configurations with (CD) calculated by this method is presented as
a W8

table 4.3.3.I-A (taken from reference I). The results are indicative of the accuracy that can be expected
when applying the method to conllgurations with R2 " 2.4 x 107 • The validity of the method for con-

lUI
llgurations with non-straight-tapered wings has not been verified above R2 > 2.4 x 107 ; however, the

lUI

accuracy of the basic prediction method as applied to configurations consisting of conventional, trapezoidal
wings mounted on ogive-cylinders of high Imeness ratio indicates that accuracy to within %10 percent can be
expected. It should be noted that the test values in table 4.3.3. I-A have been corrected to remove base drag
and that the calculated values do not include the base-drag term of equation 4.3.3.I-a.
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Given:

Sample Problem

A wing-body configuration of reference 14. The ogee planform is approximated by a double-delta
planform with a stream wise tip. The inboard and outboard panels of the double-delta wing have
been selected to have leading and trailing edges which closely approximate the sweeps of the
curved edges. The ,weeps of the maximum thickness lines of the inboard and outboard panels
closely approximate the sweep of the maximum thickness line of the ogee planform within the
boundaries of each panel.

OGEE PLANFORM -~

SKETCH (a)

Ogee Planform:

Sw = S,cr = 21.75 sq in. Sw = 16.57 sq in.
c

tic = 0.02

Airfoil section: Hexagonal with ridge lines at 0.30c and 0.70c (Xl @ 0.30c)

Body:

Ogive-cylinder ~B = 14.216in. d = 0.875 in. f ru. = 16.25

= 33.70 sq in. (fuselage area covered by wing at wing·body juncture is removed from
isolated body wetted area).

(Ss )
c

Srer
= 1.550 = 1.0 = 0.0276 = 56.04
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Double-Delta Approximation:

Inboard panel:

(Sl) = 7.21 sq in.
•

(Oi) = 5.11 in.
e

Outboard panel:

(Swel; ) = 14.42 sq in.
e

1\ = 700
(tfc)max.

I

(t/c)i = 0.02

(So)e = 9.67 sq in.

(0) = 2.375 in.
o •

Additional Characteristics:

(S welJ = 19.34 sq in. (Sw.tJe/S", = 0.889
e

A(l/C)max
= 31 0 (t/c)o = 0.02

0

M = 0.70

Polished metal surface (assume k = 0.03 x 10.3 in.)

Compute:

Determine C, for each component (Section 4.1.5.1)

Body

R£ = (2.50 x 106 )(£.) (2.5xI06 )(l4.216/12) = 2.96xI06

£/k = 14.216/(.03 x 10- 3 ) = 4.74 X 10'; cutoff R£ ~ 4.5 X 107 (figure 4.1.5.1-27)

Since cutoff R£

C, = 0.00354
B

Inboard Panel

> calculated R£, read C,
B

(figure 4.1.5.1-26)

at calculated R£.

Rn = (2.5 x 106 )(0.) = (2.5 x 106 )(5.11/12) = 1.065 x 106
e I e

£/k = 5.1 1/(.03 x 10.3 ) = 1.70 x 10'; cutoff R£ ~ 1.4 x 107 (figure 4.1.5.1 -27)

Since cutoff R£ ~ calculated R£, read (C'w) i at calculated R£.

(c,w) i = 0.00425 (figu,e 4.1.5 .1-26)
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Outboard Panel

R2 ~ (2.5 x 106 )(°0) ~ (2.5 x 106 )(2.375/12) m 4.95 xl05

•
2/k ~ 2.375/ (.03 x 10.3 ) ~ 7.92 x 10·; cutoff Re ~ 6.5 x 106 (fllure 4.1.5.1··27)

Since cutoff R2 > calculated R2, read (Crw)o at calculated ~.

(C) ; 0.00488 (figure 4.1.5.1-26)
rw 0

Determine the zero-lift drag contribution of the exposed inboard and outboard panels (Section 4.1.5.1 ).

Inboard panel

[I + L(~) + 100 (~r] ; 1.021 (figure 4.1.5.1-28a,for L; 1.2)

cos I\. (./c) ; cos 700
; 0.342

maxi

(RL.s.l.; 1.055 (figure 4.1.5.1-28b, interpolated using dashed lines),

; (0.00425)(1.021 )(1.055)(0.663)

~ 0.003035 (based on S",r)

Outboard panel

[I +L(~)+ 100(~r] ~ 1.021 (fllure4.1.5.1-28a,for L= 1.2)

cos I\.(./c) = cos 31 0
; 0.8572

muo

(RL.s) 0 = 1.180 (figure 4.1.5.1-28b, interpolated using solid lines)

; (0.00488) (1.021) (1.180)(0.889) ~ 0.00523 (based on S",r)
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[)dernllne the zero-lift drag contribution of the isolated body (Section 4.2.3.1)

Zero-lift drag exclusive of base drag

[ I +~ + 0.0025 ~]= 1.054
(2Bjd) d

C [I +~ + 0.0025 ~l(ssl =
f B (2Bjd)3 d S"r

Base-drag coefficient

(0.00354) (1.054) (1.550) = 0.00578 (based on S"r)

where (CDr):s the zero-lift drag coefficient exclusive of the base drag,

based "n body base area; i.e.,

[

60 2B ] (S~
(CD \ = C'- I +n--

j
3 + 0.0025 - --

rib" ('u d) d SB

= (0.00354)(1.054)(56.04) = 0.209

C = (0.029) (I.Q)3 j jO.209 = 0.0634 (based on SB)
Db

Determine the wing-body correlation factor RWB

RwB = 0.955 (figure 4.3.3.1-37)

Solution:

{ [ (t) (t)4] (Swet) O[ 60 2uJ(Ss) }
(CD) = C, I + L - + 100 - RL •S• S e + Cr I +-- + 0.0025 - --=-..0.

o WB wee ..r B (2Bjd)3 d S..r

(equation 4.3.3.I-a)

= { [(0.003035) + (0.00523)1 + (0.00578) } (0.955) + (0.0634) (0.0276)

= 0.0152 (based on S..r)

The test value from reference 14, corrected to remove base drag, is 0.0131. The corresponding calculated
value is 0.0152 - 0.00115 = 0.01345
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IJ. 1 RANSONIC

Interference effects in the transonic range are generally greater than those in the subsonic region, because at
the higher local velocities of the individual components and the greater propagation of these perturbations
from their source. There often exist large supersonic regions that contribute substantially to the wave drag
Many theoretical attempts have been made to correlate these effects in the transonic range, but until tile
advent of the area-rule concept, none of them proved very satisfactory.

The arca·rule method is based on supersonic linear theory, which assumes that pressure disturbances are
propagated in the direction of the Mach lines and do not diminish with distance. If it is assumed that the.\('
concepts can be applied in a limiting case at a Mach number of one, where Mach lines are normal to the now
direction, it can also be assumed that at large distances from the body the disturbances are independent or
the arrangement of the components and only a function of the cross·sectional-area distribution. This means
that the drag of a wing-body combination can be calculated as though the combination were a body of
revolution with equivalent~area cross sections.

In addition to affording a means of estimating drag by calculation or by testing a simplified model (body of
revolution) in the transonic range, the area rule lS extremely useful as a design tool, since it indicates th~

most desirable way to arrange the vehicle components for minimum wave drag. The most common example
of this is to indent, or "coke-bottle," a fuselage enough to permit the wing to be added without a marked
increase in the over~all area distribution. As is obvious from the body-of-revulution wave-drag curves, it is
always desirable from the wave-drag point of view to have a body of as high a fineness ratio as possible.
However, it should be remembered that "coke-bottling" should be used judiciously, to avoid undesir_ble
loca I effeels.

4.3.3.I-b
211' Sref

c =
D

The linear·theory wave drag of a smooth, pointed, closed body of revolution was first given by von K::irll1~ll

(reference 3) as

where

~B is the body length.

x is any point on the longitudinal axis; x = 0 at the nose and x = ~B at the aft end.

~ is any point on the longitudinal axis; ~ = 0 at the nose and ~ = ~8 at the aft end (liot
necessarily the same point as x).

5 is the cross-sectional area of the body at any point x.

d2S d 2S
-- and -- are obtained from the area distribution determined in step I of paragraph C below.
dx 2 d~2

Srer is the reference area, usually the tot,,1 wirlg arca.

This equation is subject to the conditions:

I.

4.3.3.1--'



2. The body is slender, in accordance with the usual slender-body restrictions (refrrence ~).

3. No discontinuities in dSjdx occur anywhere along the body.

Additional terms have been derived that account for the condition (dSjdx) ." of 0 and for finite dis
x-~B

continuities in dSjdx along the body. References 3, 4, 5, and 6 pertain to these conditions.

References 7 and 8 contain numerical methods of evaluating equation 4.3.3.I-b. However, the solution of this
equation by hand is tedious, and automatic computing equipment is invariably used. The prepttratioJl of t.he
area-distribution plot for a given configuration is usually performed manually.

The accuracy of this method varies with the smoothness and fineness ratio of the equivalent body. Studies
of the accuracy of the area rule are given in references 8, 9,10, and II.

The Datcom method is at best approximate and consists of simply add.ing the zero-lift drag coefficients of
the individual isolated components. Since the exposed wetted area ofa wing-body combination is less than
the sum of the wing-alone and body-alone wetted areasJ this amount's to adding an increment to the willg·
body drag of the combination to account for interference effects.

The interference drag is usually positive for configurations not specificaIJy contoured to reduce this dnlg
component. However, for area-ruled configurations, this interference drag can become negative.

The Datcom method is applicable only to configurations with conventional, trapezoidal willge.

DATCOM METHOD

At the present it is recommended that the transonic zero-lift drag coefficient of a wing-body combination
be approximated by adding the drag coefficients based on the total wetted area of each individual compo·
nent and referred to a common reference area. This approach is summarized by

where

(CD) = (cD) +(cD)
a WB a w a B

4.3.3.I-c

~jS..r

4.3.3.1-8

is the zero-lift drag coefficient <,If the wing, based on the reference area, obtailled from
paragraph B of Section 4.1.5.1 ; i.e.,

Ic D ) = (CD +CD) (equalion4.1.5.I-g)
\ Ow f W w

is the zero-lift drag coefficient of the body, based on body base area, obtained frolll para
graph B of Section 4.2.3.1; i.e.,

Ic D ) = (CD) +CD+CD+/c D ) (equation4.2.3.I-e)
\ 0 8 fa P b \ w B

'is the ratio of the body base area to the reference area.



Sample Problem

Given: The swept-wing cylindrical-body configuration of reference 19.

Body Characteristics:

Ogive-cylinder 28 = 43.0 in. dmax = db = 3.75 in.

Additional Characteristics:

= 40.19

0.80 ~ M ~ 1.2

Swot = 288 sq in.

= 11.05 sq in.

11.'/4 = 450 ,,= 0.60 e = 6.125 in.A = 4.0

NACA 65A006 airfoil (xt @ 0.50c) tic = 0.06

Sw = S"r = 144 sq in.

R2 = 2.50 x 105 per in.
M-O.6

Polished metal surface (assume k = 0.03 x 10- 3 in.)

Wing Characteristics:

l,~
I

t
Compute:

The final calculations are presented in table form on page 4.3.3.1-13. Many of the quantities listed below
appear as columns in the table.

Wing zero-lift drag coefficient (CD 0L (Section 4.1.5.1)

Determine the skin-friction drag coefficient.

R2 = (2.50 x IOS)(e),; (2.50 x 105)(6.125) = 1.53 x 106

2/k = 6.125/(0.03 x 10.3) = 2.04 x lOs; cutoff R2 "" 1.6 x 107 (figure 4.1.5.1-27)
"-0.6

Since cutoff R2 > calculated~. read (C c) at calculated ~.
w

(Cc) = 0.0040 (figure 4.1.5.1-26 @ M= 0.60)
w

= (0.0040) [I + 1.2(0.06») ~: (L = 1.2 for x, > 0.30e) • 0.00858

4.3.3.1-9



D~temlin~ and construct the variation of (CD w) w with Mach number for an unswept wing.

(
t)I/J _

A - -
c

(4.0) (0.392) = 1.568

CD
--r-"

(Cowt
~ {COwl---
hid 1/3

ttlcl 6/3
M fl" •.1.5. t·29 010.00921

0.80 1.53 0 0

0.85 1.34 0.10 0.0009

0.90 1.11 0.68 0.0053

0.95 0.80 1.96 0.0179

1.00 0 3.02 0.0278

1.026 0.67 3.08 0.0283

1.06 0.82 3.'0 0.0~5

1.10 1.17 3.12 0.0287

1.15 1.45 3.13 0.0288
.._----

Plot (cDJ w vs M for the unswept wing (sketch (a))

4

~

UNSWEPT
/ -

II MeOw _

ac ' aCD CD polk t\

~I= 0.10 I --= 0.10, w""", . 0 . cf4
aM I"Y: I "./4' 45W aM

I~ "-
MD I F"Ii V SWEPT-Ac .: .. \0

lY V
M -4-- -

V V V .- D A "450
i c/4 I

y .9 / •
.7 M 1.1 1.2 1.3 I.

o

.03

.02

.01

SKETCH (a)
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Read the following values from the cun'e of (cow) w vs M for the unswept wing:

CD = 0.0288
w

pelkA -0
c/4

Apply sweep. corrections:

=

MoAc/4 ' 0

(cos 450 )\\
= 1.05 (equation 4.1.5.I-d)

2.5
(cos 450 ) = 0.0121 (equation 4.1.5.1-e)

(equation 4.1.5.1-1)

Construct the curve of (Cow) w vs M for the swept wing using the straight-wing curve to

aid in fairing (see sketch (a)). List the swept-wing values in column Q) of the calculation
table on page 4.3.3.1-13.

The wing zero-lift drag coefficient is tabulated in column @ of the calculation table on page
4.3.3.1-13 as

(CD) = (CD +co ) (equation4.1.5.1-g)
o w f w W

Body zero-lift drag coefficient (Coo) 8 (Section 4.2.3.1)

Determine the skin-friction drag coefficient.

R2 = (2.50 x 105 ) (28 )

2/k = 43.0/(0.03 x 10-3 )

= (2.50 x 105 ) (43.0) = 1.075 x 107

= 1.433 x 106 ; cutoff R2 =1.3 x 108 (figure 4.1.5.1-27)
M -0.6

4.3.3.1-11



Since cutoff R2 > calculated R2, read (C f ) at calculated R2'•
= 0.00288

Ss
= (C) 

f. S•

(figure 4.1.5.1-26@ M = 0.60)

(equation 4.2.3.I-c)

= (0.00288)(40.19) = 0.1157

Determine the pressure-drag coefficient.

= 0.00288 [ 60 + 0.0025 (11.47) J 40.19
(11.47)3

= 0.00792 (based on S.)

(equation 4.2.3.I-d)

This value of CD is taken to be constant for 0 < M < 1.0, then reduced linearly to zero at
p

M = 1.2 (see column @ of calculation table, page 4.3.3.1-13).

Determine the base-drag coefficient.

CDb = 0.029 C:Y/ACDf)b (equation 4.2.3.I-b)

(first term, eq. 4.2.3.1-a)

=

4.3.3.1-12

= 0.124

= (0.029)( 1.0)3 / j 0.124

0.0824
-- = 0.0824

(d;Y M-O.6 (1)2

(0.00288) (40.19) + 0.00792

0.0824 (at M = 0.6)



With this va~ue and by using the curves of figure 4.2.3.1-24 as guide lines, obtain values of
Co /(db/d) forO.8<M<1.2.

b

Then Co = [CD /(db/d)2! (db/d)2 (see column (j) of calculation table,
b b M-O.6

page 4.3.3.1-13).

Determine the drag-divergence Mach number.

Mo = 0.98 (figure 4.2.3.1-25)

Determine the wave-drag coefficient.

The wave-<lrag coefficient as a f(M) is obtained from figure 4.2.3.1-26 (see column ® of
the calculatinn table, page 4.3.3.1-13).

The body zero-lift drag coefficient is tabulated in column ® of the calculation table on page
4.3.3.1-13 as

(Coo) • = (Cor). + Cop + COb + (Cow). (equation 4.2.3.1-e)

Solution:

(C,,) = (Co) + (Co) SS. (equation 4.3.3.1-0)
o WB 0 W 0 B ref

= (Co + CD) + (Co + Co + CD + Co )
. f w W r P b W B Stet

Zero-Lift Drag-Coefficient Calculation Table
~.

~

W1"lCO
O

ICldv Coo
.-

0 0 0 0 0 0 0 0 0 @ ®

(cD,t (cD.t (co) (CD,). CD, Co" (CD.). (COo). ( COO).SBIS,. (coJOw w.
M -.q.4.1.5.1-c ....!ltCh I_I eq·4.'.6."l1 eq. 4.2.3.1-e: 1q.4.2.3.1-d fit, 4.2.3.-'·24 "" 4.:U.l·lI .....2..3.'.. 0"18... -i. 4.3,3.1

0·0 0'0·0·0 ~.@

0.10 ....... ... 0...... 0.1151 0.00192 "083 .. . D.2088 D.O'''' om..

0." ... 0...... ......, ..... ... ..,.• 0.0'871 D,02&4

.... ... 0...... ......, 0.112 .. . ..- D.O'''' 0"""

'.00 0.0010 ....... ......' ..... 0.03' 003•• ....... 0,003'.- 0.00'" 0.0"08 ....., "'83 ..... D.33'• ....... ......
,... 0.00475 0.01333 ....... ...028 ..... ..".. om... .....,
1.10 0.0101 o.OUWl8 ...... "011 ..... ..,.." 0.01'71 ......
'-'0 0.0121 .."""'" 0 ..... ..... ..,..., 0.0'141 D.03I2

4.3.3.1-13



II ,~. calculated values of the wing-body zero~lift drag coefficient are compared with modified test results
I, OITl reference 19 in sketch (b). fhe drag-diverf,ence Mach number of the isolated body has been used to
aid In fairing the curve through the calculated points. The test results presented in reference 19 were
(urrected to a condition at which the base pressure is equal to the stream static pressure. The test points
plolled on sketch (b) have been modified by addition of the calculated base-drag coefficient.

.02 -tiErs B-f-""H--+--+--+---i

~-+---+--_.--1- - - -- f----f---- 1--
--0--- CALCULATED': e-~~" VE(m:~, ':':~~ ...~),-

.7 .8 .9 LO LI 1.2
M

SKETCH (b)

C SlJPFRSONIC

f;w ~stimationof wing-body drag at supersonic speeds also involves the calculation of interference effects.
It i~ possible by using linear or higher-order theories to calculate some of these effects. However, the calcu
lalinns require considerable effort and must be tailored carefully to the geometry of the configuration. The
~tt\liYalent-body technique discussed in paragraph B above has been adapted to supersonic speeds, but with
(:l~ibiderable complication. The resulting method, termed the "supersonic area-rule," gives the wave drag,
ir'~'lllding aerodynamic interferences, at a given Mach number.

1\ rrlication of the supersonic area·rule requires automatic computing equipment. If such a computer is
t(l h:. used, the following steps are required to prepare the machine input information and to interpret the
CtHllputed drag values obtained.

Step I.

43.3.1-14

At a series of longitudinal stations compute the cross-sectional area intercepted by planes
inclined at the angle IJ. = sin- 1 (11M) to the x-axis (see sketch (c). The areas so determined
at each station are then projected on the plane normal to the longitudinal axis. The values of
these projected areas are plotted at the intersection of the inclined plane and the longitudinal
axis. This plot is the area distribution of the equivalent body of revolution.



SKETCH (c)

This step can be simplified by using the following graphical procedure. First, construct
cross sections normal to the longitudinal axis at an evenly-spaced number of longitudinal
stations, say. spaced at ax. Prepare a set of parallel lines on transparent paper with a
spacing equal to ax tan IJ. Each one of these lines corresponds to one of the downstream
stations intercepted by the inclined plane. The required projected cross section at a given
station x is then determined by overlaying the transparent paper on the given normal
cross sections and plotting the intersection of each of the parallel lines with its corre
sponding given normal-cross-section contour. The curve formed on the transparent paper by
connecting the above intersections encloses the required projected area that when integrated
is to be plotted at station x. This procedure is illustrated in sketch (d).

-<.
ax, V /:.

......,. II -+-
"h 10-

STAT~ON .Y
o 10 20 30 40150 60 70 120 140

REQUIRED PROJECTED CROSS
LINES ON SECTION AT STATION 40
TRANSPARENT STATION

PAPER - -"'---r-,f------::::::::l~

=~~~50
---.., 55

ax tan IJ

SKETCH (<I)
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Step 2. The procedure of step I is repeated for additional cases, where the inclined plane is fixed and
the vehicle is rolled at a specified number of roll angles, as shown in sketch (e). For a con
figuration with fOUf planes of symmetry, such as a symmetrical cruciform missile, only roll
angles between 0 and 45° must be considered. For cruciform configurations with two
planes of symmetry, roll angles between 0 and 900 should be considered. If there is just one
plane of symmetry, roll angles between 0 and 1800 need to be considered.

SKETCH (e)

Step 3. The drag for the equivalent body of revolution at each roll angle is then calculated by means
of equation 4.3.3.I-b, or by the equation given in, for example, reference 4. These drag
values are plotted as a function of roll angle and integrated to determine an average value of
CD' This average drag coefficient is taken to be the wave drag of the configuration at the
chosen Mach number.

The number of roll angles required to achieve an accurate value of C" varies with the con
figurat,ion. If the CD vs if> plot can be constructed without ambiguIty with the number of
roll angles chosen, then that number is sufficient. One should be particularly careful of
conditions where the Mach angle lies along or very close to the leading edge of a wing, since
this condition causes "spikes" in the CD vs if> plot.

If automatic computing equipment is available, the supersonic-area-rule method should be used. Otherwise
the Datcom method outlined below may be used.

The Datcom method is taken from reference I and is applicable to the following two classes of wing
planforms:

Straight-Tapered Wings (conventional, trapezoidal planforms)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings
Curved (Gothic and ogee) wings

4.3.3.1-16



DATCOM METHOD

The supersonic zero-lift drag coefficient of a wing-body combination, based on the reference area, is deter
mined by adding the drag coefficients of the exposed components. The component contributions of the
wing and body are determined by the methods of Sections 4.1.5.1 and 4.2.3.1, respectively. This approach
is summarized by

4.3.3.1-d

where

is the wing zero-lift drag coefficient at supersonic speeds determined as outlined below.

is the body zero-lift drag coefficient at supersonic speeds based on the body base area.
This value is obtained from paragraph C of Section 4.2.3.1.

is the ratio of the body base area to the reference area.

The method of determining the wing zero-lift drag coefficient is essentially that of paragraph C of Section
4.1.5.1, but with the parameters of the exposed wing (or wing panels in the case of composite wings)
used to determine the skin-friction and wave-drag contributions. In order to present a more comprehensive
method, the procedure of Section 4.1.5.1 as applied to the exposed panel(s) is fully outlined below.

The wing zero-lift drag coeflicient is given by

4.3.3.1-e

where CD and CD are the supersonic skin-friction drag coefficient and the supersonic wave-drag coef-
e w

ficient, respectively, both based on a common reference area and outlined in the following
paragraphs.

Skin-Friction Drag Coefficient

The supersonic skin-friction drag coefficient is given by

for a conventional, trapezoidal planform, and

4.3.3.I-f

+ (Ce )
Wo SlOe

4.3.3.1-g
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for;j !llHl-straight-tapered planform;

where

is the turbulent flat-plate skin-friction coefficient of the wing (or wing panel in the case of
composite wings), induding roughness effects, as a function of Mach number and the Reynolds
number based on the reference length Q. This value is determined as discussed in paragraph A
of Section 4,1.5,1. The reference length Q is the mean aerodynamic chord c of the expose
wing (or exposed wing panel in the case cf composite wings). e

(S t)
wo e

is the ratio of the wetted area of the exposed wing (or exposed wing panel in the case of
composite wings) to the reference area.

The subscripts i and 0 refer to the inboard and outboard panels, respectively, of composite planforms,

Curved planforms are approximated by combinations of trapezoidal panels, in which case two such panels
are usually sufficient to give a satisfactory result.

Non-straight-tapered wing geometric parameters are presented in Section 2.2.2.

Wave-Drag Coefficient

The form of the supersonic wave-drag-coefficient equation is in accordance with the results that have been
arrived at in linear supersonic theory for the two-dimensional case. The effects of changes in wing planform
and variable thickness ratio are accounted for by defining an effective thickness ratio and computing the
wave-drag coefficient on a basic planform shape. A distinction is made between wings with sharp-nosed
airfoil sections and wings with round-nosed airfoil sections.

Wings With Sharp-Nosed Airfoil Sections

For wings with sharp-nosed airfoil sections

4.3.3.I-h

K cot ALE (.!}
bw c}

eff

when the leading edge of the basic wing is supersonic (f3 cot ALE 2: 1), and
bw

(Sbw)
e

4.3.3.I-i

when the leading edge of the basic wing is subsonic (f3 cot ALE < I). The subscript bw refers to the
bw

basic wing (straight leading and trailing edges), and

is the area of the exposed basic wing. The selection of the basic planforrn for composite
wings is discussed and illustrated schematically in paragraph C of Section 4.1.5.1.

is the effective thickness ratio (for a conventional, trapezoidal planforrn, use the average
thickness ratio of the exposed planforrn (ttc).v)' For a nonstraight-tapered planforrn

4.3.3.1-18



the effective thickness ratio is defined in terms of the basic planform and is given by

b/2 1{2

J cr cbw dy
rb

4.3.3.I-j

where c w is the chord of the basic wing and rb is the average radius of the body at the
wing-b08y juncture. Note that both the chord of the actual wing and the chord of the basic
wing appear in the numerator. The denominator is one-half the planform area of the exposed
basic wing, so that

4.3.3.1-j'

K

Numerical integration of the integrand in the numerator is illustrated in the sample problem.

is the leading-edge sweep of the basic wing.

is a constant factor for a given sharp-nosed airfoil section. K factors for sharp-nosed airfoils
are presented in paragraph C of Section 4.1.5.1. For basic wings with variable thickness ratios
the K factor is based on the airfoil section at the average chord of the exposed planform.

Wings With Round-Nosed Airfoil Sections

Wings with round-nosed airfoil sections exhibit a detached bow wave and a stagnation point, and the
pressure-drag coefficient increases as a function of Mach number in a manner similar to the stagnation pres
sure. Consequently, a constant value of K cannot be used for basic wings with round-nosed airfoils.

The wave-drag coefficient of wings with round-nosed airfoil sections is approximated by adding the pressure
drag of a blunt leading edge to the wave drag of the basic wing with an assumed sharp leading edge. By
assuming a biconvex shape aft of the leading edge, the wave drag of a wing with a round-nosed leading edge
is given by

= C +~ (!.~
oLE 3fj cJ.tT 4.3.3.I-k

when the leading edge of the basic wing is supersonic (fj cot ALE '" I), and

16 (t)2
(CD ) = Co + -cot A'F_ -

W w LE 3 -,.w c~
4.3.3.1-2
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when the leading edge of the basic wing is su bsonic (lJ cot AL£"w < I).

The second terms on the right-hand side of equations 4.3.3.I-k and 4.3.3.1-£ are the wing wave-drag coef
ficients of the basic wing with sharp-nosed, biconvex airfoils at the appropriate leading-edge condition, and

is the pressure-drag coefficient on a swept, cylindrical leading edge obtained as a function of
the Mach number and the leading-edge sweep of the basic wing from figure 4.3.3.1-38. The

bbw - 2rti
term 2rLE is the frontal area of the leading edge of the exposed planform.

bw cos ALE
bw

For basic wings with variable thickness ratios the leading-edge radius f LE is the radius of
bw

the section at the average chord of the exposed planform.

The correlation of cylindricalleading-edge pressure-drag coefficients is derived in reference 12 and has been
substantiated over the Mach number range from 0.5 to 8.0 and for sweep angles from 0 to 75°

A comparison oftest data for 52 configurations with Ico ) calculated by this method is presented as
\' 0 WB

table 4.3.3.1-8 (taken from reference I). The test configurations consisted of conventional and composite
wings with sharp-nosed airfoil sections mounted on ogive-cylinder bodies of high fineness ratio. No detailed
investigation has been made to evaluate body effects; therefore, the method should not be construed as per
taining to generalized wing-body combinations with arbitrary body shapes.

Within the limitations of the body shapes investigated, the method shows good agreement with the test
results of reference 15. This can be attributed largely to low-thickness-ratio airfoils and small planform
modifications - the conditions for which the wing-wave drag method of reference 1 is primarily intended.
Predictions for the configurations of the remaining references are generally lower than the test results. This
should be expected since the supersonic linear theory used as the basis for the wave-drag prediction is
expected to underpredict this contribution for the thicker wing sections and the more extensive planform
modifications.

The authors of reference 1 point out thal some of the error is quite possibly associated with the manner in
which the test data were analyzed. The test results presented in reference 14 were obtained on wing-body
configurations without boundary-layer trips and with slightiy blunted leading edges. Corrections were
applied by the authors of reference I to obtain drag values corresponding to fully turbulent flow and sharp
leading edges. References 20 and 21 present test results with natura) transition. The skin·friction drag for
these configurations was predicted by assuming fully turbulent flow over the body and laminar flow over the
wing as suggested in the references.

It should be noted that the test values in table 4.3.3.I-B have been corrected to remove base drag, and that
the calculated values do not include the base-drag term.

Perhaps the greatest value of tbe method is that it can be used to predict the supersonic wave-drag incre
ments due to planform modifications and thickness variations. If test data are available for a configuration,
the wave drag for a similar configuration can be estimated by predIcting the wave drag for both configura
tions using the Datcom technique, and then applying the i!1creme!1t betweerl the predictions to the test data.
Sketches (il and (g), both taken from reference I, illustrate the application of this technique to predict the
wave.-drag variation as a function of planform modification and thickness variation, respectively. Note that
although the absolute value of wave drag is not accurately predicted, the trends due to planform modifica
tions and thickness variations are predicted quite well, even for thick, highly modified planforms.
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REF. . ! -'
0 21 STRAIGHT T.E.
D 21 CRANKED T.E.

'r-_ f.8--- f-~ --0.'--

PREDICTION
- - PREDICTION ADJUSTED TO TEST LEVEL AT FLAGGED SYMBOL

M = 2.0 I ..__......._-..-_M_="T"""2._0...1-r---,----,.02 .02

.01

REF. PLANFORM
v 20 TRAPEZOIDAL
4 21 TRAPEZOIDAL°-6-_.....L_....:;E1:;......=.2.l.1~M~O~D;::.~T.;.R~A~P,:;:E~ZO:.::I~D~A~

.05 .06 (t/c).1f I .07 .08

EFFECT OF THICKNESS DISTRIBUTION
ON WING WAVE DRAG

SKETCH (g)

1.31.1 1.2
S./(S. )bw

EFFECT OF PLANFORM MODIFICATIONS
ON WING WAVE DRAG

SKETCH(f)

°1.0

The limited availability of test data precludes sUbstantiation of the supersonic zero-lift-drag method over
wide ranges of planform and flow parameters for configurations having wings with blunt leading edges. A
brief statement of an analysis conducted on the blunt-leading-edge planforms of references 23 and 24 is
reported in reference I. It is indicated therein that the method will give satisfactory results for bluntness drag
for thin wings.

Sample Problem

Given: The wing-body configuration of reference 15. The configuration consists of a double-delta wing
mounted on a cylindrical-ogive body.

Actual Wing Characteristics:

Dou ble-delta plan form A = 1.25 ). = a ALE = 700
o

ArE = -ISO b/2 = 10.0 in. flo = 0.181 cr = 40.0 in.

Sw = 319.32 sq in. tic (varies, see sketch (h»

Body Characteristics:

Ogive-cylinder 20 = 40.0 in. dmax = 2.0 in. db = 2.0 in. 20/d = 20.0

2N = 12.0 in.

So = 3.14 sq in. Ss/So = 72.0
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Basic Wmg Characteristics (Wave-drag calculations):

Airfoil: hexagonal, sharp leading edge

(Sbw) = 244.26 sq in.
o

= 0.02

cr = 30.16 in.
bw

(t/c)bw= 0.3
c

= 10.0 in.

= 0.3

(b/2)bW

= 0.4
c

Delta planform

Inboard and Outboard Panel Characteristics (Skin-friction drag calculations):

Inboard panel (exposed)

= 31.165 in. (;\) = 0.794
1 0

'18

(Ci ) = 28.25 in.
o

(Si)o 45.275 sq in.

M = 2.98; {J = 2.807 Smooth surfaces (assume k = 0)

c 24.73 in. ;\0 = 0 Co = 16.5 in.
'0

(bi/2) = 0.81 in.
o

(Swot) = 405.04 sq in.
o

~ = 202.52 sq in.

bo/2= 8.19 in.

Outboard panel

Additional Characteristics:

S", = SbW = 301.55 sq in. R2 = 1.741 x 106 per in.
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Compute:

Determine the wing skin·friction--drag contribution

Inboard panel (exposed)

RQ = (1.741 x 106)(Oi). = (1.741 x 106) (28.25) = 4.92 x 10'

(CrW)i = 0.00146 (figure 4.1 .5.1 -26)

Outboard panel

Q/k = '" , read (Crwt at calculated RQ

(Crw)o = 0.00158 (figure 4.1.5.1-26)

(equation 4.3.3. I-g)

= (0.00146) 90.55 + (0.00158) 405.04
301.55 301.55

= 0.00256 (based on Seer)

Determine the wing wave-drag coefficient.

K=
1(1-0.3)

--
(OA) (0.3)

= 5.833

(t/c)efr

The thickness distribution of the actual wing and the chord distribution of the basic wing are
shown in sketch (h).

4.3_3.1-23



102 4 6 8
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tic

.02

.01

./
V

-rb -

o
o 2 4 6 8 10

SEMISPAN STATION, y (in.)

THICKNESS DISTRIBUTION (ACTUAL PLANFORM)

SKETCH (h)
Sketch (i) shows (l/c)2"bw versus spanwise position. Graphical integration of this curve
gives

b/2 2f G) cbw dy = 0.0474 sq in.

rb

f
b/2 2

C) "bw dy

( !.\2 • r b (equation 4.3.3.1-j')
cJ.tT 1/2 (S bW)•
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0.0474: ---=e.:.--,-_
1/2 (244.26)

: 0.000388

( t ) • 0.0197
~.rf

~
II '\

I\.

/ '\
I 1""-
! ~
! I\.

"\
I\.
'\

'-rb - '\
~

.010

.006

.002

.008

.004

o
o 2 4 6 8 10

SEMISPAN STATION, Y (in.)

INTEGRAND FOR DETERMINING (t/c)off FOR WING OF SAMPLE WAVE-DRAG

CALCULATION

SKETCH (i)

fl cot ALE: (2.807) (cot 70°): 1.022 (supersonic leading edge)

K t 2 (Sbw)
: - (_) 0 (equation 4.3.3.1-h)

fl c off SlOe

: (5.833) (0.0197)2 244.26
2.807 301.55

: 0.00065 (based on SICe)
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Determine the body contribution.

Skin-friction-<lrag coefficient

R£ = (1.741 x 106 )(£8) = (1.741 x 106 )(40) = 6.964 x 10'

£/k = a>, read (Ce) at calculated R£
8

(Ce) = 0.00139 (figure 4.1.5.1 -26)
8

Wave-<lrag coefficients (method 2, paragraph C, Section 4.2.3.1)

Forebody

= 2.807 = 0.468' K = 1.005 (figure 4.2.3.1-{)3)
6.0 ' N

[f 2 + .!..] K = 0.985 (figure 4.2.3.1-{)I)
N 4 N

Afterbody

0.985
=----'---

(36 + 0.25) (1.005)
= 0.0270 (based on 58)

db
d = 1.0; CoA = 0 (figure 4.2.3.1-64)

Nose bluntness

Co = 0 (no bluntness)
N 1

Afterbody interference-<lrag coefficient

db
- = 1.0; C = 0 (figure 4.2.3.1-44a)
d °A(NC)

Base-<lrag coefficient

Co = 0.098 (figure 4.2.3.1-{)0) (based on S8)
b

( COO )8 = (Cr) 2 +co +co +co +
8 58 N 2 A A(NC)

Co + Co (equation 4.2.3.I-h)
N 1 b

= (0.00139) (72.0) + 0.0270 + 0 + 0 + 0 + 0.098

= 0.225 (based on S8 )
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Solution:

Co = (Co) +(Co ,)~ (equation4.3.3.1-d)
o 0 w 0 B Sref

Sa

S..c
3.14

301.55

+= (C°c COw)w +(COO)a

= 0.00256 + 0.00065 + (0.225)

= 0.00555 (based on S..c)

The test value from reference 15, corrected to remove base drag, is C = 0.0046. The corresponding calcu-
lated value is given by 00

Ssen = 0.00555 - r -
o "b S..c

= 0.00555 - 0.00102

= 0.00453 (based on S..c)
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TABLE 4.3.3.1-A

SUBSONIC WING-BODY ZERO-LIFT DRAG

DATA SUMMARY AND SUBSTANTIATION

S'o! 28 (551• c. A ttlel ..... (Swell R2 ff•
(CD 0) WS ( CoO)ws ••• P.,.cent

(h21 flu. (h21
-

Ih21 x 10-6Ro!. ~"Ig. PI."form If.1 (hi e (dogl M Cole. 'Tnt Error

13 WS Clgoo 5.55 5.0 f8.75 3.55 (2.581, (0.0601, (74)j (3.28l j 0.8 3.50 0,00B44 0.0083 1.7
11.47)0 (0.0251. (201. (8.681.

I 0.7 3.75 0.00B34 0.0081 3.0

I
0.8 4.00 0.00835 0.0081 3.1

0.9 I 0.00811 0.0079 2.7

14 WB Clgoo 0.15f 1.185 16.25 0.234 (0.4281, (0.0201;
~~~~~ :~i::~

0.7 2.50 0.01345 0.0131 2.7

I I I I I I
(0.1981. (0.0201.

I 0.0128 2.11 1 I 0.9 0.01307

WB 001.. 0.151 1.185 16.25 0.234 0.231 0.020 47.5 0.230 0.7 2.50 0.01332 0.0131 1.7

I I I I I I I I I I 0.9 I 0.01279 0.0130 ·1.8

WB ModHIod 0.151 1.186 16.25 0.234 (0.638) {0.0201, 177.51, (0.0791, 0.7 2.50 0.01362 0.0138 ·1.3

I
T_1doI

j I I I
(0.2OlI1~ (0.0201. {21.51. (0.1221.

II 1 I 1 1 0.9 0.01381 0.0134 3.1

WB T........ald11 0.151 1.186 16.25 0.234 0.230 0.020 10 0.230 0.7 2.50 0.01427 0.0147 ·2.9

15 we Double- 2.44 3._ 16.9 1.788 (2.2311 (0.0281, {751, 10.903l 0.4 6.2 0.00740 0.0074 0
00It0 11. \31. (0.0271. 147.51. 12.931~

I I I I
0.72 6.8 0.0089lI 0.0073 -4.2

o.B8 6.1 0.00884 0.0070 .Q.B

2.46 3._ 18.9 1.788 12.201, {0.028I, 1751, 11,0111 0.41 3.7 0.00745 0.0076 ·2.0

\

11.121. (0.0251. {47.51. (2.781.

I I I
0.72 5.5 0.00708 0.0071 .0.3

j o.B8 6.3 0.00BB3 0.0Illl6 J 5.1
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TABLE 4,3.3.1-A lCONTC)

,

S,et RB ISS)e 0- 1\ h/d
max

(Swet) e A itt
(CO 0) WB (CO 0) ••

WB Percent
I

Config. I Ift2 ) 'fus (ft2) (ftl - ldogl (ft2) x 10.6R.f, Planform (hi , M Calc. Tm Error

16 WB I Cranked 0.913 3,33 10 2.66
~~'.;~~~

W,1181. 18.51.
~~'.~~~~

0.7 7.0 o.On) 0.0210 4.6

I I
(O.102)~ (12.51~

0,913 3.33 10 2.66 10.7941. 10.0911. 130.51. (0.8681; 0.7 7.0 0.0254 0.0251 1.2
(O.334I~ 1O.102'~ (12.5)~ (1,330)0

I 0.913 3.33 10 2.66 (0,997). 10.0731. (41), 11.5201 j 0.7 7.0 0.0274 0.0282 -2.8

J I

(O.334)~ (Q.l02)~ 112.51
0

(1.330)0

WBNHV I17 Cranked 4.67 5.34 17.8 2.81 (1.69I j (Q .01231. 1701· (4.28l
j

0;25 1.31 0.0175
,

I
(0.68210 (O.O372)~ (2SI~ (3.581

0

I
Ii 4.58 5.34 17.8 2.81 (1.87I j 10.0115), l70l j (4,421- 0.25 1.31 0.01695

I (0.813'0 (O.0328J~ (47.5)0 (3.3n~
I

lB WB I Cranked 1.30 3.70 18.2 1.984 (O.844l j IO,032I j (521
i (U201 j 0.5 1.042 0.01538,

I
I (0.3061

0 10.060'-0 (7.41
0 (1.1861 0

!
I.)

1.30 3.70 18.2 1.984 IO.806l j (0.032)j (54.6), (1,508l
i 0.5 1.042 0.01394

I j j j j
10.367)0 (0,0401

0 14010 fO.9341 0
I I I I 0.6 1.414 0.01298

I I I
I

I
1.30 3.70 18.2 1.984 (1.008l

i ~~',~;;~~ j~;o~~
11.4121

j
0.5 1.042 0.01227

I (0.378)0 (0.7041 0

I I l ! j l
0.8 1,414 0.01150

0.9 1.498 0.01115

1.1 This information is classified CONFIDENTIAL. EI.I
Average Error - -- - 2.8%

"
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TABLE 4.3.3.1-B

SUPERSONIC WING-BODY ZERO-LIFT DRAG

DATA SUMMARY AND SUBSTANTIATION

S,et ALE. ALE

(~L
A2'ft I (COO)WB (CoOtB •, 0 Percent

A.I Config. Planform Airfoil IN ltt 2) A (deg) ldogl '1B M x 10.
6

1 Calc. T"" Error

1
20

,
WB Trapezoidal Hexagonal 3.5 1.14 3.50 .- 51.6 - 0.06 1.61 4.1

I
0.0235 0.0238 -1.3

j J j j j j jI I - - 2.01 3.4 0.0194 0.0215 -9.8

I ! Modified Hexagonal 3.5 1.14 3.15 .- 51.6 - 0.0569 1.61 4.1 0.0221 0.0235 -6.0
i Trapezoidal

2.86
_.

51.6 - 0.0547 1.61 4.1 0.0211 0.0233 ·9.4

j - j - j 2.01 3.4 0.0177 0.0208 -14.9

3.15 64.1 51.6 0.40 0.0569 1.61 4.1 0.0221 0.0228 -3.1

2.86 64.1 51.6 0.40 0.0547 1.61 4.1 0.0211 0.0225 -6.2

2.62 64.1 51.6 0.40 0.0532 1.61 3.4 0.0207 0.0221 -6.3

2.86 70.7 51.6 0.40 0.0547 1.61 4.1 0.0211 0.0227 -7.0

j j j I j 2.01 3.4 0.0177 0.0202 ·12.4

I
2.62 70.7 51.6 0.40 0.0532 1.61 4.1 0.0207 0.0225 -8.0

j
2.42 70.7 51.6 0.40 0.0519 1.61 3.4 0.0202 0.0221 -8.G

I
j j I j I 2.01 3.4 0.0168 0.0207 -18.9

Trapezoidal Hexagonal 3.5 1.14 3.50 - 51.6 - 0.0737 1.61 4.1 0.0304 0.0296 2.7

j I j j j - 51.6 - j 2.01 3.4 0.0245 0.0265 .7.5

Modified Hexagonal 3.5 1.14 3.15 - 51.6
_.

0.0674 1.61 4.1 0.0270 0.0280 ·3.6
Trapezoidal

I
I

I
2.86 ... 51.6 - 0.0632 1.61 4.1 0.0249 0.0273 -8.B

I I
I j _. j I 2.01 3.4 0.0205 0.0252 ·18.7I

I
.-

j j
I
! I, j j • 3.15 64.1 !:1.6 0.40 0.0674 1.61 41 0.0270 0.0279 ·3.2

'-----' I
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TABLE 4.3.3.1-8 (CONTDl

,
(CO) I (CD )ALE ALE

I

S'" e-L I AQ/ft • I
I, 0 °WBj Owe Percent I,

Ref. Config. Plenform Airfoil 'N (tt2 ) A Ideo' {deg) '1e I M )( 10-6 Calc. TO<! Error !

20 WB TrlP'zoitDl Hell.agonll 3.5 1.14 2.86 64.1 51.6 0.40 0.0632 1.61 4.1 0.0249 0,0258 ·3.5
I

2.62 64.1 51.6 0.40 0.0600 1.61 3.4 0.0237
I

0.0248 ·4.4

2.86 10.7 51.6 0.40 0.0632 1.61 4.1 0.0249 I 0.0265 ~.O,
( j j j I 2.01 3.4 0,0205 I 0.0235 -12.8

2.62 70.7 51.6 0.40 0.0600 1.61 3.4 0.0237 0.0249 ·4.8

2.42 70.7 51.6 0,40 0.0577 1.61 3.4 0.0266 0.0238 11.8

I I
,

jj j 2.01 3.4 0.01S6 0.0218 ·14.7

21 we Trapezoidal Hexagonal 3.5 1.14 3,50 -- 20.9 - 0.060 1.61 4.1 0.0235 0.0270 -13.0

j I I J I - I - I 2.01 3.4 0.0194 0,0218 -11.0

Modified Hexagonal 3.5 1.14 3.15 49.6 20.9 0,40 0.0569 2.01 3.4 0.0184 0.0210 -12.4
Trapezoidal

2.86 63.1 20.9 0.40 0.0547 2.01 3.4 0.0177 0,0203 ·12.8

2.62 70.1 20.9 0.40 0.0532 1.61 2.2 0.0217 0,0241 -10.0

2.62 70.1 20.9 0.40 0.0532 2.01 2.5 0.0179 0.0204 -12.3

3.15 -- 20.9 -- 0.0569 1.61 4.1 0.0221 0.0266 -16.9

J - J .- J 2.01 3.4 0.0184 0.0217 ·Ul.S

2.86 49.6 2O.9 0,40 0.0547 2.01 3.4 0.0177 0.0208 -14.9

2.62 63.1 20.9 0.40 0.0532 2.01 3.4 0.0172 0.0201 ·14.4

2,42 10.1 20.9 0.40 0.0519 1.61 2.2 0.0213 0.0240 ·11.3

I j I I I I 2.01 2.5 0.0176 0.0202 -12.9

Trapezoidal Hexegona' 3.5 r I 3(50
- 20.9 - 0.0737 1.61 4.1 0.0304 0.0323 ·5.9

j I I - I - I 2.01 3.4 0.0245 0.0260 -5.8
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TABLE 4..3.3.1-B (CONTO)

Srot ALe. ALe

(~L
R21f1

(COO)WB (COo) WB .', 0 P....cent

Rot. ConfiS. P1anform Airioll IN (f<21 A ldogl (dogl fiB .. )II 10-6 Calc. Tost Error

21 WB Modified Hexagonal 3.5 1.14 3.15 49.6 20.9 0.40 0.0674 2.01 3.4 0.0220 0.0242 -9.1
TrtpeZoid81

2.88 63.1 20.9 0.40 0.0632 2.01 3.4 0.0205 0.0230 -10.9

2.B2 70.1 20.9 0.40 0.0600 1.61 2.2 0.0247 0.0272 -9.2

1 I 1 I I 2.01 2.5 0.0200 0.0224 -10.7

3.15 - 20.9 - 0.0674 1.61 4.1 0.0207 0.0311 -13.2

1 - 1 - I 2.01 3.4 0.0220 0.0255 -13.7

2.88 49.6 20.9 0.40 0.0632 2.01 3.4 0.0205 0.0232 -11.6
.

2.62 63.1 20.9 0.40 0.0600 2.01 3.4 0.0193 0.0223 -13.5

2.42 70.1 20.9 0.40 0.0577 1.61 2.2 0.0237 0.0266 -10.9

I I I I
.

I 2.01 2.5 0.0193 0.0218 -11.5

Oeltl HexlIIiIOnal 6.0 2.09 1.33 - 70 - 0.02 2.96 10.8 0.0048 0.0046 4.3

I j j 1 I I - I - j I 20.5 0.0044 0.0044 0

16 WB Double- HexlllilOnel 6.0 1.94 1.67 eo 60 0.322 0.0258 3.01 10.8 0.0060 0.0060 0
Dot..

2.98 20.8 0.0056 0.0048 16.7

2.59 10.0 0.0067 0.0063 6.3

I I 22.8 0.0061 0.0062 -1.6

Parabolic 6.0 1.91 1.60 eo 60 0.330 0.0253 2.98 10.9 0.0059 0.0068 -13.2

j I I I I I I I 1 20.8 0.0054 0.0067 -19.4

H8X8lIOnal 6.0 2.09 1.25 83 70 0.181 0.0199 2.98 11.1 0.0049 0.0049 0

j I I I I I I I I 20.9 0.0045 0.0046 -2.2
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TABLE 4.3.3.1-8 (CQNTO)

S... ALE. ALE (;L RQ/t1
(CDo ) we (COO )W8 •, a

Percent

Ro!. Config, Plenform Airfoil 'N (ft2) A 1"'1 1"'1 '78 M )l. 10-6 Calc. TKt Error

15 W8 0""...
He)(ago~ 6.0 2.08 1.05 83 70 0.191 0.0198 2.98 11.0 0.0051 0.00480 .... 6.3

l 20.7 0.0047 0.0045 4.4

I
2.59 10.0 0.0056 0.0064 3.7

I 22.8 0.0061 0.0051 0

Hexagonal 6.0 2.02 1.64 82 60 0.215 0.0185 2.98 10.9 0.0062 0.0062 0

I I I I I I j l 2.58 8.9 0.0070 0.0071 ·1.4

HexagoMi 6.0 2.28 1.53 61 63 0.215 0.0171 2.98 , 1,5 0.0058 0.0058 0

I I I I I I I I 2.58 10.6 0.0063 0.0064 ·1.6

2.51 1.41 80 66 0.215 0.0155 2.98 ll.0 0.1)053 0.0064 -1.9

Dou_ 6.2 2.16 1.62 83 62 0.215 0.0218 2.98 11.3 0.0062 0.0061 2.0W_
I 21.9 0.0048 0.0048 0

2.58 10.2 0.0057 0,0057 0

I 22.2 0.0063 0.0054 -1.9

2.20 10.5 0.0063 0.0064 -1.6

1.58 10.6 QJXl7Q 0.0070 0

P.~ic 8.0 2.16 1.52 63 62 0.215 0.0214 2.98 11,5 0.0064 0.0051 5.9

I 22.4 0.0049 0.0048 2.1

2,81 10.8 0.0067 0,0057 0

I 22.6 0.0052 0.0054 .J. 7

2.59 10.3 0.0050 0.0059 1.7

I 22.3 0,0055 0.0054 1.9
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TABLE 4.3.3.1-8 ICONTO)

Srel "-Ei
ALE

(~L
R2/11 (CDo)we (CDo)we •

0 Percent
Rei. Conlig Pf.-form Air10il IN 1112) " ldogl I"" '1 g M x 10-6 <A1c. Toot Error

15 WB Daub!. ParlboUc 6.0 2.16 1.52 83 62 0.215 0.0214 2.20 10.4 0.0066 0.0062 6.5
0.0..

I I I I I I II 1.59 10.5 0.0013 0.0067 9.0

1.08 6.6 0.0084 O.ores -1.2

Hex.MI 6.0 2.25 1.48 83 62 0.215 0.0168 2.88 11.8 0.0057 0.0057 0

2.81 10.9 0.0060 0.0061 ·1.6

2.59 10.6 0.0064 0.0063 1.6

2.20 10.6 0.0071 0.0071 0

1.59 13.2 0.0016 0.0016 0

1.11 6.5 0.0081 0.0086 -9.4

14 W8 0eIta -_.... 6.5 0.15 2.11 - 59 - 0.02 1.40 2.5 0.0131 0.0159 -17.6

I I - I - I 1.98 2.5 0.0118 0.0125 ·5.6

- - 2.94 2.5 0.0085 0.0114 -16.7

Otoo -- 6.5 0.15 2.11 - - - 0.02 1.40 2.5 0.0131 0.0150 -12.7

I I I j - - - I 1.88 2.5 0.0118 0.0116 1.1

- - - 2.94 2.5 0.0085 0.0100 ·5.0

Trllf)ezoidil HexllgOn. 6.5 0.15 1.9 - 10 - 0.02 1.40 2.5 0.0143 0.0160 -10.6

I l I I - I - I 1.98 2.5 0.0122 0.0125 -2.4

- - 2.94 2.5 0.0088 0.0114 -14.0

Modified Hex.,nal 6.5 0.15 1.9 - - - 0.02 1.40 2.5 0.0141 0.0152 ·7.2
Trapezoida' II I - - - 1.98 2.5 0.0119 0.0129 -7.8

- - - 2.94 2.5 0.0096 0.0108 -11.1
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TABLE 4.3.3.1-8 (CONTO)

Sr"f ALE. ALE

Woff

Re" (COO) we (COO)WB •, 0
Percent

Rot. Config. Planform Airfoil 'N Ift21 A ldog' {dog' '19 M .,0-6 Calc. Tnt Error

22 W TrlPlz~1 Biconvex - 1.60 2.5 - 63.4 - 0.04 2.03 4.3 0.0097 0.0110 ·11.8

- - - 2.1 0.0104 0.0112 -7.1

- - - 4.3 0.0091 0.0109 -11.0

,
-I I - _. 2.1 0,0104 0.0114 -8.9

-' 0.96 1.5 - 63.4 - 0.04 2.03 5.5 0.0094 0.0106 ·11.3

- I I - I - I I 6.8 0.0101 0.0113 -10.6

:!: 1,1
Average Error ~ -- .. 7.5"

n
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Revised hnuary 1974

1.:U.2 W':'«;IH)I) Y URAl; AT A:'<l;LE OF "'('TACK

Dl'tcrmin:ltion of wing-hody or tail-hody drag at angle of attack is more an art than a science. Little
IS known concerning tlu..: wing-body aerodynamic interferences that occur at angle of attack. These
lIlterfercnces are usually significant only during the detailed design of a configuration or for a
configuration especially designed for minimum interference at a particular night condition. The
Iota I drag of a wing~hoJy configuration at angle of attack may be expressed in the form

43.32-a

wliere (C" o)w is the zero-lift drag and (CD L)w represents the drag due to lift. Tlie zero-lift drag
of the wing-bo~y configuration may be obtaine~ by using the methods of Section 4.3.3.1. The
same two methods for estimating the wing-body drag-due-to-lift term are presented in
each speed regime of this section. The first method, taken from Reference I, evaluates the
wing-body configuration as a unit. The second method evaluates and combines the isolated drag due
to lift of the wing and of the body.

The primary advantage of Method I is its consideration of camber effects and its applicability to the
high-lift region, i.e., beyond the parabolic drag region. However, its application is restricted to
fighter-type aircraft with straight-tapered planforms.

Because of the empirical nature of Method I (values for the regression coefficients), exact solutions
are available only at the following Mach numbers: 0.6, 0.7, 0.8, 0.9, 0.95, 1.0, 1.1, 1.2, 1.3, lA,
1.5, 2.0, and 2.5. At other Mach numbers interpolation is necessary. For the low-speed regime, the
M = 0.6 values can be used, but only as an approximation. The solutions at Mach numbers 1.0 and
2.5 should be used cautiously, because of the somewhat limited amount of test data used in the
determination of the regression coefficients.

A. SUBSONIC

Two different methods are presented for evaluating the total drag of a wing-body configuration.
The first method is restricted to fighter-type aircraft with straight-tapered planforms. The second
method is general and may be applied to both straight-tapered planforms and non-straight-tapered
planforms, including double-delta, cranked, and curved wings.

The general categories of non-straight-tapered wings are illustrated in Sketch (a) of Section 4.1.3.2,
while the wing-geometry parameters are presented in Section 2.2.2.

For Mach numbers less than 0.6 and values within the parabolic drag region (generally for CL < 004
or 0.5), Method 2 should be used because of the limitation of Method 1 for Mach numbers below
0.6.

DATCOM METHOD

Method I

This method was developed in Reference 1 for fighter-type aircraft by using the linear regression
analysis of mathematical statistics. In general, a regression analysis involves the study of a group of
variables to determine their effect on a given parameter. In this case, multidimensional least.-squares
curve fits were used to relate linearly the incremental drag due to lift of a wing-body configuration

4.3.3.2-1



to L'L'rt~lill Ilondimensional geometric parameters. The result of this work is presented below in
EquatIon 4.3.3.~-h. a purely empirical equation based on the various total-wing-planform geometric
parameters and Reynolds number. For more detailed information regarding the analysis, the reader
is referred to Reference 1.

The regression coefficients given in Table 4.3.3.2-D, as a function of Mach number and angle of
attack. are not those presented in Reference I. Those in Table 4.3.3.2-D are a more recent and
improved version obtained from the authors of Reference I.

An unfortunate feature of this method is the lack of physical appreciation of where the parabolic
drag region L'nds; i.e., where separation effects become prominent. A second method, called the
sL'miempirical method, which provides a physical appreciation of the flow conditions, is also
presented in Reference I. The semiempirical method is structured to consider the following various
flow conditions: attached flow, initially contained separated or mixed flow, and major flow
separation occurring after the initially contained separated or mixed flow. The semiempirical
method is somewhat more difficult to apply, while its accuracy is approximately the same as that of
Method I presented herein. For the details regarding the application of the semiempirical method,
the reader is referred to Reference I.

It is advisable to restrict the applicability of Method I to the range of geometric parameters of the
test data used in the formulation of the regression coefficients. If the method is used for
configurations that exceed the range of test data, the results should be applied with caution. The
test data used in the formulation of the regression coefficients have geometric parameters within the
following limits:

aspect ratio, A

taper ratio, A

twist, e

leading-edge radius, LER/c

thickness, tic

NACA camber, (Ye)mox/e

conical-camber design lift coefficient, CLd

fore body fineness ratio, QN /d

afterbody fineness ratio, QA /d

leading-edge sweep, 1\ L E

1.6 to 6.0

a to I

a to -9.40

OtoO.OI5

0.025 to 0.10

a to 0.0263

a to 0.45

2.2 to 8.4

0.3 to 5.6

a to 700

Reynolds number, RQ 0.8xl06 to 8xlO6

Equation 4.3.3.2-b below enables the user to calculate the drag due to lift as a function of angle of
attack and Mach number. When a series of points are calculated to define the drag due to lift versus
angle of attack, it becomes necessary to use discretion ant: fair the best possible curve through the
points. This is necessary since some values at high angles of attack do not describe a smooth
continuous curve.

4.3.3.2-2



This method is not limited to bodies of revolution; however, no attempt is made to account for the
effects of noncircular bodies. If it becomes necessary to analyze a noncircular body in combination
with a wing, it is suggested that an equivalent body of revolution be used, i.e., a body of revolution
with the same cross-sectional area.

The drag due to lift at a given angle of attack of a wing-body configuration. based on the area of the
basic straight-tapered wing, is given by

4.3.3.2-b

where

A

tic

are the regression coefficients as a function of Mach number and angle of
attack obtained from Table 4.3.3.2-D.

is the total wing aspect ratio.

is the sweep of the leading edge.

is the wing thickness ratio at the mean aerodynamic chord.

is the nose and forebody fineness ratio (see Sketch (a)).

is the afterbody fineness ratio taken at the afterbody wing-body juncture
(see Sketch (a».

SKETCH (a)

is the wing taper ratio.

is the transition indicator; 0 for no transition strips and I for transition
strips or night test.

4.3.3.2-3



LER

R,

is the ratio of the leading-edge radius to the mean aerodynamic chord
taken at the mean aerodynamic chord.

is the wing twist between the root and tip sections in radians, negative for
washollt (see Figure 5.1.2.1-30b).

is the NACA camber in the form of a ratio of the maximum ordinate of
the mean line to the airfoil chord taken at the mean aerodynamic chord.

is the conical camber design lift coefficient for a M = 1.0 design with the
designated camber ray line intersecting the wing trailing edge at 0.8 b/2.
(For more details see Reference 2.) If the wing does not have a
conical-camber design, the value ofCLd is zero.

is the Reynolds number based on the mean aerodynamic chord. For
Reynolds numbers in excess of 8 x 106 , the value of 8 x 106 should be
used.

An indication of the accuracy of Method I can be obtained from Table 4.3.3.2-A. This table
contains a comparison of test values with results calculated by using this method for wing-body
configurations without camber. The test data used in this comparison are taken from
Table 4.1.5.2-A and some have been used in the determination of the regression coefficients.

Method 2

This method evaluates and combines the isolated drag due to lift of the wing and of the body. The
limitations of the method are those of Sections 4.1.5.2 and 4.2.3.2. The method is not applicable to
generalized wing-body configurations with arbitrary body shapes. If it becomes necessary to analyze
a noncircular body in combination with a wing, it is suggested that an equivalent body of revolution
be used, i.e., a body of revolution with the same cross-sectional area. The method is applicable only
for wing lift coefficients up to the critical lift coefficients for configurations having straight-tapered
wings; whereas, for non-straight-tapered wings the method may be applied to configurations over a
wide range of lift coefficients (see Paragraph A, Section 4.1.5.2).

The drag due to lift of a wing-body configuration is given by

4.3.3.2-c

where

is the drag due to lift of the wing, obtained from Paragraph A of
Section 4.1.5.2 and based on the total wing area.

IS the body drag due to angle of attack, obtained from Paragraph A of
Section 4.2.3.2 and based on the maximum body frontal area.

is the ratio of the body reference area (maximum body frontal area) to
the total wing area.
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No substantiation is presented for this method. However, substantiation tables for the wing
contribution are presented in Section 4.1.5.2 for straight-tapered and non-straight-tapered plan
forms.

Sample Problems

The same wing-body configurations will be evaluated for both Methods I and 2 to enable a
comparison of their application to be made.

I. Method I

Given: The straight-tapered wing-body configuration of Reference 3.

Wing Characteristics:

A = 4.0 A = a tic = 0.03

e = a
(y')m"

No camber, = a
c

a

3-percent-thick biconvex airfoil with elliptic nose

LER--= 0.00045

Body Characteristics:

:; 4.28

Additional Characteristics:

M = 0.61

= 2.141
d

R = 420 x 106, . No transition strips, TR = a

Compute the drag due to lift for the above configuration at an angle of attack of 10°

4.3.3.2-5



S\lllll!OIl.

1- ---:9~5-SI0~---~-

r-- CoeffiCient

, Bo

! B1

I B,

8]

B,

B,

Bo
B1
B

8

B
9

BiD

Bll
8

12

B
13

B
i4

B
IS

Value
Table 4.3.3.2-0

0,12873

-0.05227

0.00855

-0.00826

--0.69952

-0.00295

-0.00487

0.14051

-0.28982

0.16952

-0.00215

2.27613

-0.34643

---0.52601

-0.09097

-0.00076 x 10-6

+ 11 1 4 C'L d + B1 5 R, (Eq uation 4.3.3.2-b)

C11 L = 0.12873 - 0.05227 C) + 0.00855( 4) -- 0.00826( 1)1/2 -- 0.69952(0.03)

- 0.00295( 4.28) -- 0.00487(2.141) + 0.14051(0) - 0.28982(0)2 + 0.16952(0)3

-- 000215(0) + 2.27613(0.00045) - 0.34643(0) - 0.52607(0) - 0.09097(0)

0.00076 X 10- 6(4.20 X 106)

= 0.12873 - 0.01307 + 0.03420 0.00826 - 0.02099 - 0.01263 - 0.01043

+ 0.00102 - 0.00319

0.0954
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The above procedure is used to generate the complete variation of CD L given below as a function of
angle of attack. The comparison of test data with these predicted values and the predicted values
from Method 2 are presented in Sketch (b), which follows the next sample problem.

" lCoL)wBId'9l

0 0

1 0.00059

2 0.00196

3 0.00568

• 0.0115

6 0.0306

8 0.0598

10 0.0954

12 0.1356

" 0.1769

16 0.2196

18 0.2644

2. Method 2

Given: The same wing-body configuration used in Sample Problem I, i.e., from Reference 3.

Wing Characteristics:

A = 4.0

e = 0

Body Characteristics:

A = 0

No camber

tic = 0.03

c = 1.038 ft

LER
-- = 0.00045

£8 = 46.93 in. d = 4.76 in. db = 2.589 in.

VB = 0.2687 ft3

Additional Characteristics:

V 2/3 = 0.4164 ft 2
8

M = 0.61,1)2 = 0.6279 K = 1.0 (assumed)

4.3,3.2-7



('()Jllputc:

Wing Drag Due to Lift (Section 4.1.5.2)

~ 10~ [~(~)J
4 " 1.0

~ 05

A
1.0 per rad (Figure 4.1.3.2·49)

R, I. E R
0.00045 C

~ 4.20 x 106 ----:=---
c

189 x 103

~ 1.705 x 103

AA (4.0)(0)
---- - 0
(O.7()-il)

R ~ 0.120 (Figlire 4.15.2-53a)

II (CLo/A)
e ~--------

R(C'-Q!A) + (1- R)"

~ -,---.,-,-_....:1_. ....:1(....:1__0....:)---,--__
0.120( 10) • ,J - 0.120)"

0.382

(Equation 4.1.5.2-i)

4.3.3.2-8

CL
2

~ -- + C,-O c, v + (Oc, )2 w
nAe IX a

C 2
I.

1T(4.0)(0.382)

(Equation 4.1.5.2-h)



CL COL ; 0.209 C
L

2

0 0

0.05 0.00052

0.10 0.00209

0.15 0.00470

0.20 0.00836

0.25 0.01306

0.30 0.01881

0.35 0.02560

0.40 0.03344

0.50 0.05225

Body Drag Due to Lift (Section 4.2.3.2)

k2 k l = 0.94 (Figure 4.2.1.1-20a)

XI = 46.93 (by inspection)

1.0
Q

B

-= 0.905 (Figure 4.2.1.1-20b)

Xo = 42.47 in.

(rl. o = 2.38 [I -(I 2(42.4))'] 3/2
1.765 in.=

59.5

So = 1rr2 :; 1Tt 1.7(5)2 <).79 ill. 2

2(k2 - k) ) \,
eta = (Equation 4.2.1 .I-a)

VB 2/3

2(0.94)(9.79)
=

(0.4164) 144

= 0.307 per rad

1/ - 0.686 (Figure 4.2.1.2-23a)

4.3.3.2-9



Till' Q' r;lllgl' is :Ipproximatt'ly 0 < a ~ 100

M, '''rtes (rolll O.(l(O) to 0.6(0.1736)

II M ';;'0.104.
L'd, ::: I"~O (constant)

p

j "'-H 146.93
T} r L"J . dx :::

x" ( 42.47

(Figure 4.2.1.2-23b)

(0.686) r (1.20) dx

Assuming r varies Iinea!"ly from x to Q
o B

~! H 17 rcd, dx:::
" x" l 146.93 (1.765 + 1.295)

(0.686) (1.20)dx
42.47 2

::: 1.26(46.93 - 42.47)

~ 5.62 sq in. ~ 0.0390 sq ft

(Equation 4.2.3.2-b)

2 ",3

0.307 ",2 + 0.4164 (0.0390)

~ 0.307 ",2 + 0.187 ",3

Equation 4.2.3.2-b becomes

S V 2/3
Bref 3 B

[CD("')] --~ (0.307",2+0.187", )--
B Sw Sw

0.4164
~ (0.307 ",2 + 0.187 ",3) __.

2.425

~ 0.0527 ",2 + 0.0321 ",3

(CL Q)w ~ (CL Q/A) A ~ (1.0)(4.0) ~ 4.0 per rad

4.3.3.2-10



(0 CD 0) (0 (0
C • Serer ]L

[Co(O'll --0
0 ___

(CLa)w
B S

C
L (rad) 0.05270: 2 0.0321 0'

3 0·8
0 0 0 0 0 I

0.05 0.0125 0.000008 0 0.000008

0,10 0.0250 0.000033 0,000001 0.000034

0.15 0.0375 0.000074 0.000002 0.000076

0.20 0.0500 0.000132 0.000004 0.000136

0.25 0.0625 0.000206 0.000008 0.000214

0.30 0.0750 0,000296 0.000014 0.000310

0.35 0.0875 0.000403 0.000022 O.OOG425

0.40 0.1000 0,000527 0.000032 0.000559

. 0.50 0.1250 0.000823 0.000063 0.a00886

Solution:

(Equation 4.3.3.2-a)

Seref
ICDLI'(:;)ICo (0)1

6
--

cL ICoLlw Sw 0)-. 3

0 0 0 0

0.05 0.00052 0.000008 0.00053

0.10 0.00209 0.000034 0.00212

0.15 0.00470 0.000016 0.00478

0.20 0.00836 0.000136 0.00850

0.25 0.0'306 0.000214 0.01327

0.30 0.0188' 0.000310 0.01912

0.35 0.02560 0.000425 0.02603

0.40 0.03344 0.000559 0.03400

0.50 0.05225 0.000886 0.05314

These calculated results are compared with the calculated results from Method I and the test values
from Reference 3 in Sketch (b).

-Thi••pp"0ximltiOn assumes II zero lift wlue of zero.
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0 TEST VALUES

METHOD 1 /

--- METHOD 2 V
/
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17

/
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V

b-P
p

-..
o

B. TRANSONIC

4 8 12
ANGLE OF ATTACK., a (deg)

SKETCH (b)

16 20

The comments presented in the discussion preceding Paragraph A are applicable here.

DATCOM METHODS

At transonic speeds the methods described in Paragraph A may be applied. Both methods are
restricted to straight-tapered-wing configurations. Method I may be applied in the high-lift region;
while Method 2 is restricted to the parabolic-drag region.

An indication of the accuracy of Method I can be obtained from Table 4.3.3.2-B. This table
contains a comparison of test values with results calculated by using this method for wing-body
configurations without camber.

Sample Problem

No sample problem is presented for Method 1 because its application is identical to that in the
subsonic speed regime.

Method 2

Given: A wing-body configuration ofReference 2 designated 45-series.

Wing Characteristics:

A = 3.0 A = 0.40 bw = 10.8 in.

11.,/2 = 35.540 (t/c),v = 0.045

Additional Characteristics:

38.889 sq in. Round-nosed airfoil

0.0278 M = 1.02; (l 0.20 K = 1.0 (assumed)

4.3.3.2-12



Compute:
Wing Drag Due to Lift (Section 4.1.5.2)

(t/c)l/J = 0.3557

(tic) 2/J = 0.1265

A(t/C)l/J = 3(0.3557) = 1.067

A tan ALE = 3.0

<Figure 4.1.5.2-55 b, interpolated)0.590

M2
- 1 0.0404

= 0.319
(t/c)2/J 0.1265

C

(~\l/J ~ =

cJ C 2
L

CD
L

C 2
L

= 0.590 (0.3557) = 0.210

CD

C
L

C 2
(COL)W

L 0.210 ®

0 0 0

.05 .0025 .00053

.10 .0100 .00210

.15 .0225 .00473

.20 .0400 .00840

.25 .0625 .01313

.30 .0900 .01890

.35 .1225 .02573

.40 .1GOO .03360

.45 .2025 .042!'5"3

I
.50 1~500 .05250

Body Drag Due to Lift (Section 4.2.3.2)

(method of Paragraph B, Section 4.1.3.2)[(CL ) ] = 4.0 per rad
a W M = 1.02

Equation 4.2.3.2-e becomes [CD (a)] Sb
8 Sw

4.3.3.2-13



Solution:

4.3.3.2-14

" a

C~(CLa'Jw a 2
Sb

IColal] -
CD /4.0

(rad 2'1
B Sw

C
L lrad) @ 1O.027BI

a a a a

.05 .0125 .00016 a

.10 .0250 .00063 .00002

.15 .0375 .00141 .00004

.20 .0500 .00250 .00007

.25 .0625 ,00391 .00011

.30 .0750 .00563 .00016

.35 .0875 .00766 .00021

,40 .1000 .01000 ,00028

,45 .1125 .01266 .00035

.50 .1250 .01563 .00043

(Equation 4.3.3.2-a)

: Sb
( COc'JwB

c L (COL)w [Co lal]8 Sw Q)+@

a a a a

.05 .00053 a .00053

.10 .00210 .00002 .00212

.15 .00473 .00004 .00477

.20 .00840 .00007 .00847

.25 .01313 .00011 .01324

.30 .01890 .00016 .01906

.35 .02573 .00021 .02594

.40 .03360 .00028 .03388

,45 .04253 ,00035 .04288

.50 .05250 .00043 .05293



The calculated results are compared with test values from Reference 4 in Sketch (c) .

.08.06.04

(CDL)WB
SKETCH (c)
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V
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o
o
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C. SUPERSONIC

The comments presented in the discussion preceding Paragraph A are applicable here.

DATCOM METHODS

At supersonic speeds the methods described in Paragraph A may be applied. Method I is restricted
to straight-tapered planforms; while Method 2 may be applied to either straight-tapered or
non-straight-tapered wings. An indication of the accuracy of Method I can be obtained from
Table 4.3.3.2-e. This table contains a comparison of test values with results calculated by using this
method for wing-body configurations without camber.

Sample Problem

No sample problem is presented for Method I because its application is identical to that in the
subsonic speed regime.

Method 2

Given: The wing-body configuration of Reference 5.

Wing Characteristics:

A; 3.50 b
W

; 24 in. x ; 0.20

~; 17.44 in. Sw ; 164.64 sq in. 6L ; 8.40

Airfoil: 6-percent-thick hexagonal section with maximum thickness at c/3 (sharp-nosed airfoil)
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Additional Characteristics:

M ~ 2.01; f3 ~ 1.744 Sb ~ 12.57 sq in.

Sp ~ 154 sq in.

Compute:

Wing Drag Due to Lift (Section 4.1.5.2)

~ 1.744 (24) ~ 1.20
2 (17.44)

Sw 164.64
p ~ -- ~ -,--'-:-::-':"-"'- ~ 0.393

bw Q 24 (17.44)

--~ (Equation 4.1.5.2-n)

(Figure 4. [.5.2-58)~ 1.29P
I+p

[

CDL p] 1 [+ P

11A C
L

2 1 + P 11A P

(
1 ) (1.393)

11(3.5) 0.393

C 2
L

= 1.29

C 2
L

11A

~ 0.416

®
CD

C 2
L

CL 0.416 (3)L

0 0 0

0.05 0.0025 0.00104

0.10 0.0100 0.00416

0.15 0.0225 0.00936

0.20 0.0400 ODl664

0.25 0.0625 0.02000

0.30 0.0900 0.03744

0.35 0.1225 0.05096

0.40 0.1600 0.06656
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Body Drag Due to Lift (Section 4.2.3.2)

Wing C
N

(Section 4.1.3.2)
Ci

tan ALE 1.262
~--

/3 1.744
~ 0.724

A tan ALE ~ 3.5 (1.262) ~ 4.42

/3(CN ) 4.24 per rad (Figure 4.1.3.2-56b)
ex. theory

4.24/1.744 ~ 2.43 per rad

(Figure 4.1.3.2-60)

C ~ (2.43)(0.895) ~ 2.17 per radNCi

[CD (Ci)] B (based on body base area)

(Equation 4.2.3.2-g)

154
~ -- ~ 12.25

12.57

® ® ®
Ci

CL{CNCi)W sp
[ CO(Cil]B

0/2.17 ",2 ",3 Mc
cd cd -

'" c c Sb

CL
(rad) Irad2) Irad31 Idogl M sin a Fig. 4.2.1.2-23t 012.25 2G)+@@

0 0 0 0 0 0 1.20 14.70 0

0.05 0.0230 0.00053 0.00001 1.32 0.0463 1.20 14.70 0.00121

0.10 0.0461 0.00213 0.00010 2.64 0.0926 1.20 14.70 0.00573

0.15 0.0691 0.00477 0.00033 3.96 0.1388 1.20 14.70 0.01439

0.20 0.0922 0.00850 0.00078 5.28 0.1850 1.20 14.70 0.02847

0.25 0.1152 0.01327 0.00153 6.60 0.2310 1.20 14.70 0.04903

0.30 0.1382 0.01910 0.00264 7.92 0.2770 1.21 14.82 0.07732

0.35 0.1613 0.02602 0.00420 9.24 0.3227 1.213 14.98 0.11495

0.40 0.1843 0.03397 0.00626 10.56 0.3684 1.244 15.24 M6334
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Solution:

Equation 4.J.3.2-a hecomes

12.57

164.64
; 0.0763

-
IC OL 'W6[Coler} I B

C
L COL (based on Sb) 00.07630

0.05 0.00104 0.00121 0.0011

0.10 0.00416 0.00573 0.0046

0.15 0.00936 0.01439 0.0105

0.20 0.01664 0.02847 0.0188

0.25 0.02600 0.04903 0.0297

0.30 0.03744 0.07732 0.0433

0.35 0.05096 0.11495 0.0597

0.40 0.06656 0.16334 0.0790

The calculated results are compared with test values from Reference 5 in Sketch (d).

0 TEST VALVES, REF. 3 -- ;...-
Ii) _

- CALCVLATED .--- ..-

7 ?
'"

./
,7

V

.4

.2

o
o
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TABLE 4.3.3.2-A
SUBSONIC WING-BODY DRAG DUE TO LIFT OF STRAIGHT·TAPERED WINGS

METHOD 1

DATA SUMMARY AND SUBSTANTIATION
NO TWIST OR CAMBER

ALE NACA -6 COL COL
A" A A (degl Airfoil RQMAC x10

M a Calc. Test AC OL

3 3.0 0 53.1 0003-63 5.9 0.25 4 0.010 0.010 0

! !
8 0.052 0.045 0.007

12 0.124 0.114 0.010
14 0.164 0.156 0.008
16 0.213 0.203 0.010

4.8 0.61 4 0.011 0.012 -Q.001

~ ~
8 0.053 0.052 0.001

10 0.084 0.084 0
12 0.125 0.125 0

2.0 0 63.4 0003-63 3.0 0.81 4 0.009 0.012 -Q.003

! ! ! ! i !
8 0.050 0.060 -Q.Ol0

12 0.116 0.130 -Q.014

14 0.168 0.184 -Q.016
16 0.224 0.243 -Q.019

I
4.0 0 45.0 biconvex 9.1 0.25 4 0.010 0.010 0

j j j
t/c"'O.03

i ~
8 0.057 0.053 0.004

j
12 0.128 0.121 0.007

I 14 0.177 0.170 0.007
4.2 0.61 4 0.012 0.015 -Q .003

~ ~
8 0.061 0.061 0

10 0.097 0.097 0
12 0.136 0.139 -Q.(XJ3

2.0 0 63.4 0005-63 3.0 0.40 4 0.008 0.008 0

! !
8 0.038 0.038 0

12 0.093 0.089 0.004
14 0.130 0.127 0.003
16 0.182 0.178 0.004

8.0 0.25 4 0.006 0.006 0

! !
8 0.034 0.025 0.009

j
12 0.095 0.080 0.015

, 14 0.135 0.117 0.018,
16 0.186 0.166 0.020

0008-63 3.0 0.40 4 0.006 0.008 -Q.OO2

!
8 0.028 0.026 0.002

12 0.084 0.066 0.018
14 0.130 0.100 0.030
16 0.181 0.139 0.042

0.60 4 0.006 0.006 0

i
8 0.028 0.028 0

12 0.084 O.OBO 0.004
14 0.129 0.120 0.009
16 0.182 0.170 0.012

0.80 4 0.006 0.008 -Q.002

!
8 0.036 0.036 0

12 0.108 0.102 0.006
14 0.149 0.142 0.007
16 0.198 0.190 0.008

0.333 45.0 biconvex 4.8 0.61 4 0.012 0.012 0

! !
t/c"'O.03

i !
8 0.056 0.055 0.001

~
10 0.088 0.08B 0
12 0.129 0.132 -0.003

t 14 0.169 0.171 ---0.002
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TABLE 4.3.3.2-A (CONTOI

ALE NACA -<; COL COL
R.f A , ldeg) Airfoil RllMAC xl0

M Q Calc. Test .o.CL.L

3 3-.08 0.388 19.1 biconvex 3.8 0.61 4 0.014 0.013 0.001
t/c=O.03

t
8 0.066 0.066 0

12 0.153 0.153 a
14 0.196 0.196 a
16 0.231 0.217 0.014

0.71 4 0.014 0.014 a

!
8 0.068 0.068 a

12 0.150 0.152 -0.002
14 0.119 0.183 -0.004
16 0.213 0.223 -0.010

6 2.0 0.600 48.4 65AOO6 4.53 0.60 4 0.006 0.006 a

! I
8 0.035 0.039 -0.004

12 0.099 0.114 -0.015
14 0.141 0.166 -0.025,
16 0.190 0.220 -0.030

5.46 0.80 4 0.009 0.008 0.001

1 1
8 0.043 0.045 -0.002

12 0.122 0.129 -0.007
14 0.162 0.167 -0.005
16 0.198 0.202 -0.004

4.0 0.600 46.7 65A006 2.78 0.60 4 0.007 0.007 a

t 1
8 0.047 0.043 0.004

12 0.128 0.138 -0.010
14 0.111 0.182 ..{).011
16 0.222 0.234 ..{).012

3.35 0.80 4 0.010 O.OlD a

! 1
8 0.061 0.059 0.002

12 0.145 0.133 0.012
14 0.191 0.176 0_015
16 0.221 0.214 0.007

..0 0.600 46.2 65A006 2.39 0.70 4 0.007 0.007 a

! 1 1 t 1 1
8 0.058 0.045 0.013

12 0.129 0.118 0.011
14 0.159 0.167 ..{).008
16 0.177 0.215 ..{).038

7 5.14 0.713 36.2 65
1

A012 2.0 0.40 4 0.004 0.005 --{l.001

1
8 0.040 0.019 0_021

12 0.121 0.090 0.031
14 .0.170 0.148 0.022
16 0.240 0.194 0.046

0.80 4 0.008 0.007 0.001

!
8 0.060 0.051 0.009

10 0.106 0.100 0.006
12 0.150 0.150 a
14 0.175 0.175 a

I.1.CoL jav = 0.008
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TABLE 4.3.3.2-B

TRANSONIC WING-BODY DRAG DUE TO LIFT OF STRAIGHT·TAPERED WINGS

METHOD 1

DATA SUMMARY AND SUBSTANTIATION

NO TWIST OR CAMBER

~t
I

"LE NACA 6 COL COL
A (deg) Alrfol! R\'MAC x1O

M Q Calc. Test 6C OL

3 30 0 53.1 0003-63 1.9 0.92 4 0.013 0.017 ---D.004

~ j j
I

J
j j

t 6 0.036 0.041 -D.005
i 8 0.066 0.070 -0.004

1.2 4 0.010 0.015 ---D.005

~
8 0.055 0.067 -D.012

12 0.128 0.150 -D.022
I 14 0.177 0.199 -D.022

3_08 0.388 19.1 biconvex 1.4 1.2 4 0.020 0.019 0.001

1 1 1

t/c"'0.03

I
1

8 0.085 0.086 -0.001

~
10 0.129 0.135 -0.006
12 0.180 0.191 -o.Ot 1

t 14 0,241 0.249 -0.008
3.0 0.4 45.0 biconvex 3.8 0.91 4 0,015 0.017 -0.002

t t t t/c;oQ.03 t t 6 0.041 0.043 -D.Q02

t 7 0.060 0.060 0
2.0 0.333 45,0 biconvex 1.9 0,93 4 0.017 0.014 0,003

j j j
t/c=O.03

j
t 6 0.042 0,039 0.003

1
8 0.073 0.071 0.002

1.2 4 0.015 0.015 0

~
6 0.036 0.037 -D.OOl
8 0,067 0.069 -D.002

I

10 0.103 0.109 -D.006
8 2.0 0 63,3 0003·63 1.84 1.0 4 0.012 0.017 -D,005

~
6 0.027 0.032 -D.005
8 0,061 0.063 -{).oo2

10 0.103 0,098 0.005
1.1 4 0,011 0.013 -{).oo2

1

8 0.053 0.056 -D.OO3
10 0,087 0.090 -D.OO3
12 0.129 0.127 0,002
14 0.184 0.180 0.004

I"'CoLI,.
~ 0.005

TABLE 4.3.3.2-C
SUPERSONIC WING·BODY DRAG DUE TO LIFT OF STRAIGHT-TAPERED WINGS

METHOD 1
DATA SUMMARY AND SUBSTANTIATION

NO TWIST OR CAMBER

AL:il
NACA -6 COL COL

R'f A A (d"" Airfoil R12MACxl0 M Q Calc. Test .6.C OL

2 3.0 DAD 45.0 64AOO5 2.9 1.50 4 0.015 0.013 0.002
,

1
B 0.058 0.053 0.005

10 0.089 0.087 O.(X)2

12 0,126 0.120 0.006
14 0.175 0,160 0,015

1.90 4 0,018 0,011 0,007

!
8 0.050 0.043 0.007

10 0.075 0.065 0.010
12 0.103 0.094 0,009

14 0.138 0.128 0,010
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TABLE 4.3.3.2·C (CONTD)

AL~
NACA -. COL COL

Ref A , ldeg Airfoil RQMAC x10
M a Calc. Test aC OL

In 0.50 38.1 65AOO6 1.96 1.41 4 0.018 0.016 0.002

t t
65AOO4

t ~
6 0.039 0.037 0.002

~
8 0.066 0.064 0,002

10 0.105 0.101 0.004
10 3.5 0.20 51.6 hexagonal 2.68 1.61 4 0.022 0.013 0.009

j 1 j j
t/c-o.06

j t
6 0.044 0.029 0.015

1
B 0,076 0.052 0.024

10 0.119 0.081 0.038
2.01 4 0.010 0.012 -<l.o02

t 6 0.025 0.024 0.001
8 0.050 0.048 0.002

11 3.0 0 53.1 0003-63 3.6 1.5 4 0.014 0.013 0.001

!
8 0.053 0.055 -<l.002

10 0.081 0.082 -..Q.OOt
12 0.113 0.120 -0.007
14 0.160 0.157 0.003

1.9 4 0.009 0.0" -0,002

1
8 0.037 0.041 -<l.004

10 0.060 0.063 -<l.003
12 0.089 0.091 -<l.o02
14 0.125 0.123 0.002

0.20 3.1 1.5 4 0.017 0.015 0.002

!
8 0.063 0.055 O.OOB

10 0.096 0.088 0.008
12 0.133 0.126 0.007
14 0.1BO 0.157 0.023

1.9 4 0.014 0.011 0.003

1
8 0.048 0.043 0.005

I 10 0.074 0.067 0.007
12 0.105 0.093 0.012
14 0.146 0.125 0.021

0.40 2.9 1.5 4 0.016 0.014 0.002

!
8 0.055 0.053 0.002

10 0.OB3 0.080 0.003
I 12 0.122 0.114 0.008

14 0.178 0.153 0.025
1.9 4 0.020 0.011 0.009

I
8 0.055 0.043 0.012

10 0.078 0.067 0.011

t f t f t
12 0.108 0.092 0.016
14 0.150 0.122 0.028

8 2.0 a 63.26 0003-63 1.84 1.3 4 0.008 0.010 -<l.002

!
8 0.044 0.046 -<l.002

10 0.072 0.Q78 -<l.006
12 0.104 0.109 -0.005
14 0.150 0.153 -<l.003

1.9 4 0.007 0.008 -<l.001

!
8 0.030 0.034 -0.004

10 0.050 0.052 -0.002
12 0.073 0.072 0.001
14 0.103 0.097 0.006

I.o.COLlav = 0.007
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TABLE 4.3.3.2·0
METHOD 1

REGRESSION COEFFICIENTS

M = 0.600

-_..._--~ .. ..._---- --
a Bo B1 B, B3 B. B,

1 0.00045 0.00165 0.00026 --0.00069 0.00192 --0.00004
2 0.00353 0.00445 0.00042 -0.00109 --0.01622 -0.00029
3 0.01317 -0.00024 0.00013 -0.00266 -0.03562 --0.00043

• 0.02608 -0.00589 -0.00014 -0.00588 -0.05901 -0.00043
5 0.04109 -0.01099 0.00023 -0.00694 --D.14925 -0.00082
6 0.05140 -0.00482 0.00223 -0.01028 -0.24447 ....(l.00112
7 0.05749 0.00003 0.00539 -0.01129 -0.33547 -0.00137
8 0.07379 ....(l.o0890 0.00734 -0.01049 -D.44144 -0.00175
9 0.09548 --0.03037 0.00885 -000781 --0.58794 --0.00170

10 0.12873 --0.05227 0.00855 --{).00826 -0.69952 --0.00295
11 0.15889 ---0.07595 0.00833 -0.D1261 --0.82886 --0.00220
12 0.18028 --0.07664 0.00745 -0.01593 -D.90625 -D.00181
13 0.21132 -0.11041 0.00433 --0.01859 -0.70087 ....(l.OOOOl
14 0.25119 -0.14562 0.00092 -0.01361 --0.66342 0.00038
15 0.25845 ....(l.15418 0.00148 -0.00483 -.Q.69530 0.00152
16 0.28929 -D.18997 0.00143 --0.00886 -D.85331 0.00161
17 0.30498 -D.20240 -D.OO196 0_02569 --0.65569 0.00096
18 0.31398 -0.22017 --0.00140 0.04032 -0.51782 0.00025

a B6 8, B. B9 B10 B11

1 -0.00017 0.00079 --0.00243 0.00100 ~0.00003 ----0.00127
2 -D.0003O 0.00434 -D.00817 0.00277 0.00001 -0.01298
3 --0.00047 0.00775 ----0.02023 0.01039 -0.00038 --D.05350
4 -0.00068 0.01653 ....(l.04953 0.02~85 --0.00165 --D.l0679
5 --D.D0121 0.02395 -0.05927 0.03084 -0.00222 --0.02883
6 -D.00168 0.04265 -0.11424 0.06512 -0.00275 0.19133
7 -0.00261 0.06777 -0.16815 0.09609 -0.00309 0.32420
8 -0.00330 0.09456 -0.23327 0.14239 -0.00204 0.77765
9 -0.00486 0.11723 -0.25173 0.14974 -0.00243 1.51741

10 --0.00487 0.14051 -0.28982 0.16952 -0.00215 2.27613
11 -<).00595 0.16340 -0.32756 0.18710 --D.00370 3.88429
12 -0.00386 0.19145 --D.42892 0.26626 -0.00202 4.34530
13 -0.00504 0.21710 -0.50195 0.30725 -0.00346 3.76319
14 ----0.00566 0.22051 .-.-{I.50067 0.30752 -0.00086 3.48312
15 -0.00791 0.22128 -0.45958 0.28357 0.00040 4.43698
16 -0.01134 0.20554 --0.39035 0.25450 0.00294 6.01805
17 --0.00901 0.23888 .-.-{I.50267 0.32743 0.00370 4.60500
18 -0.00926 0.29613 --0.70455 0.49100 0.00020 4.00069

Q B1, B13 B,. B x 10+6
15

1 0.02836 0.00293 --0.00471

I
.-.-{I.00004

2 0.05179 0.03795 -0.00819 -0.00022

3 0.07105 0.05725 -0.01192 -0.00033
4 0.08494 0.07442 -0.01580 -0.00036
5 0.09681 0.02204 --0.02255 -0.00049
6 0.11610 -0.10824 --D.03253 --0.00061
7 0.14943 -0.35912 --0.04761 -0.00049

8 0.19746 -0.49931 -0.06384 -0.00077
9 0.29222 -0.47586 --0.07863 -0.00067

10 0.34643 --0.52607 -0.09097 --0.00076
11 0.39755 --0.49629 -0.10051 0.00002
12 0.43743 -0.48216 -0.10223 0.00044
13 0.49084 -0.30237 -D.l0159 0.00092
14 0.51916 --0.11923 --0.09866 0.00021
15 0.50871 -{).06195 --0.09704 0.00095
16 0.49258 0.00176 -0.10124 0.00083
17 0.49678 0.00645 -0.09760 0.00009
IB 0.52715 -0.01712 --0.09182 0.00077
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TABLE 4.3.3.2·D ICONTD)
METHOD 1

REGRESSION COEFFICIENTS
M '" 0.700

--
" BO B1 B2 B3 B. B,

-- - ----------- --------- ----
1 -..Q.DOOO7 0.00201 0.00022 I -0.00135 -(I.D072S 0.00007
] -0.00033 0.00463 0.00074 -0.00148 -0.03061 0.00012
3 0.00298 0.00816 0,00104 --0.00409 -Q.05738 0.00022
4 0.00952 0.00977 0.00158 --0.00596 -0.10542 0.00024

" 0.01365 0,01690 0.00255 --0.00959 -0.16575 0.00060
G 0.02140 0.02569 0.00468 -0.01204 -0.21467 -0.00007
7 0.03280 0.03299 0.00753 -0.01552 -0.31023 --0.00068
8 0.04427 0.02903 0.01022 -0.01617 -0.41625 --0.00056
9 0.07156 0.01444 0.01163 -0.01605 --0.53882 -0.00079

10 0.11 D09 -0.02070 0.00879 --0.01748 -0.57938 -0.00131
11 0.13603 -0.04580 0.00794 -0,01852 -0.65951 --0.00053
12 0.09477 0.06299 0.01071 -0.01897 -0.54804 -0.00173
13 0.13093 0.02476 0.00847 -0.00460 -0.61551 -0.00301

"
0.15005 0.07016 0.00453 --0.02278 -0.26831 --0.00323

15 0.11178 0.13769 0.00500 0.00024 -0.01360 --0.00467
16 0.16474 0.10007 0.00168 -0.02076 0.23531 0.00169
17 0.27867 -0.01521 -0.00150 -0.03375 0.53500 0.00416
18 0.35631 --0.05496 --0.00268 --0.04285 0.32793 0.00590--
" B. B7 B. B. BlO Bll

~.

1 -0.00001 0.00605 -.o.Q1396 0.01137 0.00007 0.05663
2 --0.00038 0.01304 -0.03081 0.01730 -0.00037 0.17544
3 -0.00024 0.02194 --0.05995 0.03480 --0.00051 0.27522
4 -0.00071 0.03368 --0.08731 0.04965 --0.00072 0.35126
5 -0.00042 0.05308 -0.14787 0.08719 --0.00078 0.41736
6 --0.00068 0.07008 -0.19058 0.11191 -0.00074 0.21681
7 -0.00097 0.08932 -0.23841 0.13886 ~.00121 0.56157
8 --0.00254 0.13154 --0.33205 0.19557 0.00003 1.08763
9 -0.00512 0.16180 -0.37175 0.21318 0.00190 1.52565

10 -0.00517 ·0.19468 --0.43251 0.24542 0.00642 2.11903
11 --0_00530 0.19852 --0.43424 0.24919 0.00584 3.19374
12 0.00049 0.30677 -0.81576 0.52282 0.01558 2.42095
13 -0.00132 0.29722 -0.71510 0.45468 0.01598 2.83715

"
0.00483 0.22818 --0.52780 0.28270 0.02293 --0.19638

15 0.01013 0.30323 -0.81142 0.50265 0.02790 -2.43719
16 -0.00023 0.28821 --0.68001 0.35785 0.03395 -2.90182
17 -0.00071 0.26551 -1.03124 0.70318 O.0290B -7.14091
18 -0.00632 0.22175 -0.87165 0.58893 0.02677 --6.40790

!
B'2 B'3

·6
" B,. 8 15 )( 10

1 0.0324~ 0.02814 -.).005<6 0.00012
2 0.04260 0.04867 --0.00974 0.00021
3 0.06622 i 0.06841 -0.01333 0.0002B
4 0.09946 0.10427 --o.Q1888 0.00024
5 010760 0.01684 --0.02734 0.00043
6 014430 , -0.12045 -0.04174 0.00035
7 018066 --0.27628 -0.05621 O,CXl015
8 O·24~23

I
--0.46906 -0.07745 0.00034

9 0.334-16 -0.43756 -0.09118 --0.00040
10 0.41420 --0.36868 -0.09857 -0.00051
11 0.45796 -.0.33092 -0.10509 0.00037
12 0.45015 -0.14214 -0.08911 -0.00146
13 0.&0671 --0.06438 --o.0897B -o.(Xl174

" 0.28798 0.22777 --0.06876 --o.rXJ277
15 0.26261 0.26419 --0.05078 -0.00464
16 0.31661 0.21182 --0.07109 -0.00514
17 0.20470 0.24062 --o.0682B -0.00801
18 0.27279 0.36714 -0.06778 --0.00899
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TABLE 4.3.3.2-0 (CON TO)
METHOD 1

REGRESSION COEFFICIENTS
M =0 0.800

,.
" Bo B, B, B3 B. Bs

f--.
1 0,00221 -0.00144 -0.00009 - 0.00073 -0.00797 0.00001
2 0.00338 ~0.00302 0.00036 -0.00054 -0.04293 0.00016
3 0.01022 -0.00891 000044 - 0.001 18 -0.09171 0.00029
4 002014 -0.01193 0.00101 --000320 -0.16796 0.00031
5 0.03137 -·0.01895 0.00175 --0.00608 -0.26045 0.00073

I 6 0.04483 -0.02209 0.00408 --0.00776 -0.38466 0.00035
7 0.05954 -0.02427 0.00622 -0.01036 -0.46785 -0.00004

8 0.08586 -0.04047 0.00675 -0.01503 -0.53205 0.00026

9 0.12288 -0.06032 0.00656 -0.01914 -0.61233 -0.00006

10 0.15902 -0.09484 0.00500 -0.01786 -0.67543 0.00000

I 11 0.19087 -0.12050 0.00370 ~0.01996 -0.70864 0.00052

12 0.19993 -0. i0093 0.00286 -0.00938 -0.80847 ~0.00080

13 0.21762 -0.05888 0,00378 -0.01095 -0.87035 -0.00312

14 0.22825 -0.06174 0.00297 -0.00059 -0.75253 -0.00286

15 0.26345 -0.08437 -0.00007 0.01070 -0.72073 -0.00351

16 0.26728 -0.04519 0.00045 0.01068 -0.81612 -0.00314

17 0.26672 0.03024 0.00162 0.0061e -0.73124 -0.00435

18 0.38780 -0.06958 -0.00033 -0.04003 -0.00836 0.00680

a B. B7 B. B9 B,0 Bll

1 --0.00011 0.00404 -0.00852 0.00366 -0.00020 0.04986

2 -0.00059 0.01149 -0.02119 0.01016 -0.00084 0.27904

3 -0.00081 0.01741 -0.03594 0.01916 -0.00120 0.48014

4 -0.00136 0.02455 -0.05123 0.02690 -0.00164 0.88190

5 -0.00160 0.03701 -0.08555 0.04712 -0.00185 1.46725

6 -0.00268 0.04932 -0.10395 0.05655 -0.00274 2.24272

7 -0.00275 0.06720 -0.13865 0.07161 -0.00361 2.52398

B -0.00385 0.09758 -0.19441 0.09494 -0.00314 2.78528

9 -0.00533 0.13366 ~O.27088 0.13617 -0.00244 3.34227

10 -0.00651 0.14191 -0.25370 0.11523 -0.00263 4.11935

11 -0.00645 0.12269 -0.19227 0.07658 -0.00338 4.86755

12 -0.00359 0.12092 -0.17696 0.07638 0.00149 5.29550

13 -0.00071 0.12946 -0.23012 0.11647 0.00542 4.41136

14 0.00082 0.11291 -0.19585 0.10526 0.00530 2.93353

15 0.00351 0.12110 -0.33286 0.23396 0.01239 1.94911

16 0.00615 0.17305 -0.52066 0.36192 0.01483 2.44009

17 0.00963 0.20127 -0.66993 0.46675 0.02226 1.45434

lB -0.01148 0.23079 -0.81556 0.53140 0.01939 -4.53597

+.
" 8 12

B
'3 B, • B

IS
x 10

1 0.03464 0.03796 -0.00568 0.00011

2 0.05100 0.05301 -0.01138 0.00034

3 0.07937 0.08300 -0.01716 0.00055

4 0.10986 0.11608 -0.02432 0.00065

5 0.12995 0.04853 -0.03608 0,00101

6 0.17974 0.01871 -0.05082 0.00108

7 0.23537 -0.06230 -0.06341 0.00109

8 0.28989 -0.20397 -0.08062 0.00119

9 0.34386 -0.16500 -0.08937 0.00023

10 0.40218 -0.06673 ~0.09428 0.00021

11 0.43511 0.01019 -0.09377 0.00072

12 0.44284 0.01175 -0.08753 -0.00022

13 0.39269 -0.55132 -0.08675 -0.00105

14 0.24896 0.03958 -0.07231 ~0.00175

15 0.23602 -0.13912 -0.07000 -0.00357

16 0.21889 -0.40147 -0.08010 -0.00315

17 0.17675 -0.44420 ~0.07856 ~0.00488

18 0.35079 0.06490 ~0.07221 -0.00986
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TABLE 4.3.3.2·0 ICDNTDJ
METHOD 1

REGRESSION COEFFICIENTS
M = 0.900

a Bo Bl B2 B3 B. B5

1 -O.OOOIB 0.00149 0.00049 -0.00073 -0.01288 0.00002
2 0.00085 0.00228 0.00121 -0.00194 -0.03023 0.00020
3 0.00686 0.00006 0.00220 -0.00452 -0.09050 0.00033
4 0.01655 0.00157 0.00381 -0.00939 -0.16820 0.00044
5 0.03421 0.00025 0.00585 -0.01606 -0.31665 0.00011
6 0.05013 0.00707 0.00817 -0.02358 -0.40391 -0.00009
7 0.07780 -0.00719 0.00818 -0.02851 -0.48392 -0.00013
8 0.10210 -0.03657 0.00766 -0.02671 -0.49372 0.00080
9 0.14499 -0.06085 0.00615 -0.03327 -0.58207 0.00055

10 0.16459 -0.05228 0.00708 -0.03939 -0.57416 0,00041
11 0.17308 -0.01765 0.00635 -0.03038 -0.6031 , -0.00147
12 0.24567 -0.01323 -0.00076 -0.04699 -0.52503 -0.00381
13 0.25980 -0.02503 --0.01431 -0.03221 0.02489 -0.00265

"
: 0.28659 -0.02031 -0.01516 -0.03412 -0.24196 -0.00242

15 0.35500 -0.10280 -0.03013 -0.00726 -0.15999 -0.00365
16 -0.02321 0.50911 0.05826 -0.07837 0.10819 0.00110
17 0.00224 0.41838 0.05118 -0.02457 -0.19688 -0.00106
18 -0.30160 0.86541 0.12481 -{).O2627 -0.15727 -0.00442

a B. B7 B. 8. BI0 Bll

1 -0.00029 0.00368 -0.00564 0.00171 -0.00034 0.15304
2 -0.00072 0.01144 ---0.02520 0.01329 -0.00058 0.46101
3 --0 ,DO11 9 0.01294 -0.02237 0.00728 --0.00094 1.09961
4 -0.00198 0.01829 -0.02715 0.00418 -0.00092 1.81146
5 -0.00250 0.03007 -0.05654 0.01904 -0.00117 3.06166
6 -0.00294 0.04804 -0.08597 0.02708 -0.00198 3.45630
7 -0.00267 0.07875 -0.15670 0.06535 -0.00157 3.48608
8 -0.00470 0.10510 --0.17727 0.06858 -0.00079 , 3.23396
9 -0.00499 0.12259 -0.20621 0.07849 -0.00095 3.85120

10 -0.00507 0.13288 -0.21749 0.07251 0.00073 3.69670
11 -0.00161 0.16048 -0.22384 0.05180 -0.00034 2.96357
12 0.00356 0.13104 -0.17885 -0.00130 0.00693 1.11615
13 0.00890 0.11813 I --0.20085 0.01759 0.01678 -1.67578
14 0.00994 0.08859 -0.07871 -0.08308 0.02128 -0.12470
15 0.01574 0.11651 -0.16128 -0.00975 0.02559 -2.81231
16 0.00687 0.02378 0.11590 -0.29281 0.04029 -3.95931
17 0.00761 -0.07051 0.08506 1.29494 0.05010 -1.21388
18 0.00782 -0.17396 0.57898 0.55814 0.05542 -3.35470

B12 B13 Bl •
+.

Q 8 15 x 10

1 0.03891 0.09467 -0.00564 0.00009
2 0.07985 0.20140 -0.01169 0.00016
3 0.10833 0.27199 --0.01904 0.00040
4 0.14272 0.28821 -0.02860 0.00040
5 0.16786 0.18235 -0.04081 0.00046
6 0.19252 0.03040 -0.05024 0.00032
7 0.26545 0.11939 -O.059B3 0.00022
8 0.31886 -0.00803 -0.06984 0.00025
9 0.35199 -0.03479 -0.07633 -0.00009

10 0.38080 -0.13176 -0.08018' -0.00031
11 0.40789 -0.30354 -0.07411 -0.00174
12 0.38815 -0.39060 -0.06307 -0.00512
13 0.30251 -0.36091 --0.04905 -0.00682
14 0.28643 -0.42389 -0.05155 -0.00616
15 0.25151 -0.54633 -0.03975 -0.00792
16 0.28255 -0.09940 -0.05434 -0.00888
17 0.27277 0.21319 -0.05330 -0.00839
18 0.32974 0.55880 -0.04722 -{L01182
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TABLE 4.3.3.2·0 (CONTO)
METHOD 1

REGRESSION COEFFICIENTS
M = 0.950

" BO B, B, B, B4 B5

1 --0.00838 0,01178 0.00121 0.00009 0.00809 --0.00005
2 -D.00357 0.00752 0.00193 --0.00002 --0.05533 0.00001
3 0.00810 0.00508 0.00244 -0.00514 --0.09663 0.00006
4 0.03190 --0.00520 0.00165 --0.01368 -0.15750 0.00036
5 0.05470 --0.00974 0.00215 --0.02267 -0.22959 0.00049
6 0.08580 -0.02069 0.00170 -0.03115 -0.37571 0.00084
7 0.11675 --0.03737 0.00250 --0.03773 -0.50555 0.00100
B 0.14670 -0.04756 0.00030 --0.04832 --0.40434 0.00248
9 0.18449 --0.07402 -0.00266 --0.05180 -0.01091 0.00153

10 0.19113 -0.02070 0.00791 --0.06569 -0.60252 0.00152
11 0.22544 0.02716 0.01117 -0.09426 -{).87604 0.00286

• B6 B7 8, Bg B,o 8 11

1 -0.00025 --0.00078 0.01625 -0.01505 0.00018 0.12846
2 -0.00070 0.00316 0.02724 -0.02814 -0.00030 0.98002
3 0.00008 0.00303 0.01796 -0.02569 -0.00131 1.49493
4 0.00201 0.01412 -0.04312 0.01461 -0.00291 2.11918
5 0.00291 0.01358 -0.04992 0.01207 -0.00344 2.24598
6 0.00382 0.02640 -0.08947 0.03485 -0.00382 3.11378
7 0.00222 0.02453 -0.04389 -0.01608 -0.00198 4.23658
8 0.00404 0.01225 -0.04267 -0.01428 -0.00337 3.55768
9 0.00426 -0.00656 0.03526 -0.08574 -0.00147 -0.81326

10 0.00052 0.02266 0.03270 -0.11326 -0.00128 3.94893
11 0.00030 0.00033 0.12082 -0.20285 -0.00459 7.53037

• B" B13 B
'4

B 10+6
'5 x

, 0.11372 0.26412 -0.00790 0.00011

2 0.12969 0.38083 -0.01354 -0.00028

3 0.16049 0.36673 -0.02110 -0.00072
4 0.13857 0.14239 -0.03305 -0.00143

5 0.13531 0.05344 -0.04690 -Q.00172

6 0.23422 0.62238 -0.06146 -0.00241

7 0.33755 0.64386 -Q.07750 -Q.00263

8 0.46401 1.49135 -0.08695 -0.00337

9 0.78061 2.53411 -Q.l0360 -Q.00386

10 0.48502 0.10404 -0.09913 -Q.OO361

11 0.43784 0.31377 --0.10616 --0.00522
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TABLE 4.3.3.2·0 (CONTO)
METHOD 1

REGRESSION COEFFICIENTS
M = 1.000

• Bo B, B2 B3 B. B5

1 -{l.00184 --0.00510 -{l.0002J 0.00191 0.03683 0.00037

2 0.00039 0.00326 0.00184 -0.00236 -{l.11220 0.00046

3 -0.05094 0.09969 0.01520 -0.01431 -{l.17369 0.00029

4 -0.11879 0.29136 0.04005 -{l.05546 -{l.94287 0.00031

5 -0.02635 0.14202 0.02414 -0.04156 -0.84098 0.00055

6 -0.06161 0.24704 0.03977 -0.06338 -1.21329 0.00049

7 -0.51857 1.09040 0.14419 -0.15946 -1.51798 -{l.00163

8 -0.41208 0.95781 0.12733 -0.15441 -1.45667 -{l.00103

9 -0.54877 1.19553 0.15925 -0.17971 -1.07918 -0.00208
10 -1.12307 2.34028 0.28663 -0.32300 -1.47035 -0.00457

11 -1.88393 2.80793 0.39284 -0.17471 4.11060 0.00066
12 -3.71327 6.39571 0.88455 -{l.64685 -7.92697 0.00000

• B6 B7 B. B. B,0 B11

1 -0.00042 -0.00431 0.03435 -0.03837 0.00017 -0.32067
2 -0.00063 0.02795 -0.10548 0.11581 -0.00009 1.43644

3 -0.00086 0.05446 -0.23999 0.24547 -{l.00045 1.83557
4 -0.00097 0.16868 -0.87339 0.95296 -0.00023 12.40156

5 -0.00112 0.13169 -0.61505 0.66843 0.00069 9.69120

6 -0.00123 0.18757 -0.91157 0.99576 -0.00101 13.90155

7 0.00503 0.48849 -2.82813 3.13791 -{l.00809 14.80998
8 0.00425 0.48904 -2.79021 3.11841 -{l.00832 13.65930
9 0.00586 0.47045 -2.83951 3.18905 -0.00556 8.54019

10 0.01381 1.11512 -6.47644 7.23240 -0.02132 14.09991
11 -0.00727 -1.38447 5.79307 -6.58945 -{l.00979 -49.73547
12 -0.00495 1.72879 -7.81054 8.85635 -{l.08292 43.19402

11 '2 B'3 B,.
+6• 8 15 x 10

1 -0.02364 0.11396 -0.00713 0.00017
2 0.12498 -0.00827 -0.01494 -{l.00004

3 0.14709 -0.41706 -0.02709 000015
4 1.05810 -1.47681 -{l.04821 -{l.0001O

5 0.76958 -1.14098 -0.06112

I
-0.00073

6 0.94294 -1.81063 --0.07002 -{l.OO083

7 3.24042 3.22464 -0.05688 -0.00211

8 2.89318 2.79437 -0.07367 -0.00250

9 4.30224 6.63418 -0.07343 -0.00203
10 8.16605 1"2.54916 -0.04314 -0.00417
11 -6.18641 15.14346 0.00058 -0.00022

12 6.25554 16.75446 0.35531 0.00127
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TABLE 4.3.3.2-0 (CONTO)
METHOD 1

REGRESSION COEFFICIENTS
M '" 1.100

----
u BO B) B, B, B, B,

1 -0.04484 0.08372 0.00940 -0.00817 -D.04487 -0.00010
2 -0.04355 0.09444 0.01029 --0.01400 --0.03926 -0.00006

I 3 --0.03818 0.10749 0.01176 --0,01903 -D.13134 -0.00036
4 -0.06102 0.16158 0.01869 -0.02982 -0.14335 -0.00010
5 -0.04984 0.18025 0.02032 -0.03960 -0.21009 -0.00026
6 -0.03717 0.20704 0.02251 -0.05545 -0.36705 0.00009
7 -0.08362 0.32672 0.03894 -0.07228 -0.58530 -0.00065
8 0.18809 0.43881 0.05636 -0.06272 -0.54914 0.00034
9 --0.16553 0.43886 0.05666 -0.07680 -0.46356 0.00229

10 -0.27549 0.59413 0.08484 ~0.O7664 -0.30332 -0.00097
11 -0.29751 0.66053 0.09320 -0.07554 -0.40645 -D.00235
12 -0.29560 0.73732 0.10393 -·0.09837 -0.59564 -0.00164
13 -0.34429 0.87460 0.12440 -0.12202 -0.66147 -0.00237
14 0.17848 0.28522 0.02090 -0.14298 0.56890 -0.00414
15 0.S3359 -0.32241 -0.06227 -0.07706 1.53930 -0.00261

0 B. 8, B, B9 B10 Bll

1 -0.00083 0.03295 -0.15500 0.16983 -0.00164 0.8:t/46
2 -0.00051 0.02717 -0.11801 0.12194 -0.00174 0.88339
3 -0.00098 0.04605 ~0.19072 0.21743 -D.00164 1.67764
4 -0.00129 0.04320 -0.18755 0.22187 -0.00101 2.18522
5 -0.00125 0.09835 -0.42457 0.47771 -0.00091 2.80951
6 -0.00171 0.09902 -0.45321 0.55087 0.00099 4.98784
7 -0.00311 0.17055 -0.79734 0.96443 0.00293 6.25124
8 0.00066 0.10552 -0.29838 0.25776 0.00349 5.58307
9 -D.00065 0.12365 -0.35773 0.28341 0.00473 5.89547

10 --0.00037 0.04642 0.05276 -0.21425 0.01034 2.61690
11 -0.00004 0.06654 0.09562 -0.29549 0.00938 2.41419
12 -0.00302 0.18490 -0.45240 0.26825 0.00698 3.69788
13 -0.00304 0.18917 -0.50258 0.27871 0.00968 3.72855
14 0.01223 ·-0.01709 0.42603 -1.46168 0.01947 -4.76428
15 0.02637 -0.26299 2.21540 -4.14095 0.02659 -14.41504

B" B13 8)4
<.

Q 6
15

)( 10
-

1 0.02607 -0.02705 -0.01003 -0.00003
2 0.05290 0.00332 -0.01502 0.00010
3 0.08191 0.05082 -0.02014 -0.00013
4 0.10961 0.04423 -0.02851 0.00019
5 0.13773 0.03226 -0.03272 -0.00033

6 0.15323 -0.07582 -0.04362 -0.00004

7 0.18095 -0.05587 -0.05040 -0.00065

8 0.20404 -0.22864 -0.05851 0.00162

9 0.22347 -0.35035 -0.07051 0.00174
10 0.26634 -0.28726 -0.07333 0.00219
11 0.26552 -0.32247 -0.07404 0.00224
12 0.26718 -0.38297 -0.07983 0.00126
13 0.27717 -0.32919 -0.08411 0.00081
14 0.18642 -0.06096 -0.04441 -0.00357
15 0.23323 0.06531 0.01127 -0.00447
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TABLE 4.3.3.2·0 (CONTO)
METHOD 1

REGRESSION COEFFICIENTS
M '" 1.200

" Bo B1 B, B3 8, 8 5

1 -0.00629 -0.00384 0.00036 0.00199 0.08753 .0.00062
2 -0.01132 0.01013 0.00209 -0.00207 0.11552 0.00063
3 -0.01203 0.02211 0.00350 -0.00806 0.16420 0.00065
4 -0.01206 0.03319 0.00473 -0.01526 0.25095 0.00110
5 -0.02330 0.07276 0.01135 -0.02196 0.14635 0.00072
6 -0.01091 0.07268 0.01255 -0.02780 0.13904 0.00107
7 -0.01717 0.12154 0.02004 -0.03729 -0.00996 0.00014
B -0.00842 0.15381 0.02466 -0.05047 -0.15838 -0.00012
9 -0.03652 0.22732 0.03691 -0.06119 -0.19927 -0.00114

10 0.09571 0.07832 0.01571 -0.06356 -0.23286 -0.00067
1"i 0.15972 0.01584 0.01023 -0.06640 -0.28670 -0.00091
12 0.12048 0.13091 0.02415 -0.07384 -0.18197 -0.00249
13 -0.03809 0.43572 0.06381 -0.10453 -0.43468 -0.00246
14 -0.11557 0.63985 0.08428 -0.12262 -0.48088 -0.00327
15 -1.28236 2.60841 0.32970 -0.29107 -0.11267 -0.00158

• 86
87 8, 8. 8 10 8 11

1 , -0.00080 0.00609 0.00409 -0.00586 ~0.00122 -0.11648
2 -0.00049 0.00324 0.01675 -0.02070 -0.00128 -0.20069
3 0.00031 -0.00122 0.02598 -0.03330 -0.00115 -0.40599
4 0.00101 0.00664 ~0.00919 -0.01439 -0.00104 -0.49071
5 0.00005 0.01615 -0.02405 -0.01345 -0.00075 0.03910
6 -0.00012 0.02910 -0.06189 0.00746 -0.00100 0.24032
7 -0.00057 0.04242 -0.10277 0.02792 0.00014 0.92401
8 -0.00206 -0.02183 0.29348 -0.51237 0.00193 2.70883
9 -0.00289 -0.06161 0.56545 -0.91636 0.00456 3.31566

10 -0.00229 -0.06868 0.70933 -1.18044 0.00520 3.65242
11 -0.00206 -0.11603 1.05318 -1.75138 0.00531 4.08376
12 -0.00695 0.04728 0.18852 -0.46850 0.00759 2.22800
13 -0.00794 0.03489 0.17526 -0.50592 0.00558 6.71935
14 -0.00674 0.14918 -0.57903 0.61631 0.00038 5.64320
15 -0.01478 2.42693 -17.16211 27.39923 --0.01586 1.34910

8 12 8 13 8 14
+6• 8 15 x 10

1 0.06357 0.06844 -0.00754 0.00020
2 0.07738 0.04564 -0.01260 0.00037
3 0.06695 -0.04451 -0.01749 0.00060
4 0.06682 -0.15000 -0.02362 1J.OOO84
5 0.05120 -0.29811 -0.02926 0.00082
6 U.05617 -0.41686 -0.03565 0.00098
7 0.06405 -0.48130 -0.04083 0.00076
8 0.00266 -0.71579 -0.05045 0.00109
9 -0.04614 -0.98680 -0.05984 0.00117

10 -0.11013 -1.29176 -0.06452 0.00122
11 -0.16349 -1.54903 -0.07158 0.00157
12 -0.07644 -1.77188 -0.08773 0.00029
13 -0.25184 -2.00624 -0.10028" 0.00047
14 -0.23828 -2.04665 -0.10330 0.00022
15 0.51026 3.57818 -0.12676 -0.00872
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TABLE 4.3.3.2-D (CONTD)

METHOD 1
REGRESSION COEFFICIENTS

M '" 1.300

n Bo B, B2 B, B. B5

1 0.01073 -0.01651 -·0.00239 -0.00130 0.03077 0.00032

2

I
0.01124 -0.01236 --0.00186 --0.00349 0.06002 0.00025

3 0.01222 -0.00992 -0.00090 -0.00610 0.09056 0.00054

4 0.01289 0.00091 0.00109 -0.00977 0.13145 0.00014

5 I 0.01732 0.00436 0.00258 --0.01275 0.18255 0.00037

6 I 0.04046 -0.00836 0.00183 ~0.01702 0.20021 0.00010

I 7 0.03964 0.01740 0.00620 --0.02283 0.22781 -0.00059

I

B 0.03812 0.04382 0_01016 ·0.03103 0.25309 0.00026

9 0.12317 -0.00959 0.00143 -0.04214 0,14197 -0.00374

10 0,14136 -0.00742 0.00110 -0.05227 0.27808 -0.00146

11 0.07022 0.06183 0.01130 -0.04890 0.50921 0.00200

I 12
0,08746 0.09711 0.01424 -0.05404 0.28856 -0.00129

13 0.37881 -0.20159 -0.03400 -0.07169 ·-0.38882 --0.00079

~4
0.35522 -0.11761 -0.03078 -·0.07623 0.13295 0.00246

15 --0.71802 1.47949 0.21882 -0.13860 0.37682 0.00262

" B6
B7 B, B9 B10 Bll

1 0.00074 0.00224 -0.01367 0.00902 --0.00037 -0.08973

2 0.00113 0.01025 -0.04063 0.02565 -0.00071 -0.17503

3 0.00111 0.02331 -0.08208 0.05267 -0.00086 -0.26347

4 0.00155 0.03354 -0.11671 0.07414 -0.00092 -0.33645

5 0.00126 0.07141 -0.24091 0.15987 -0.00110 -0.60188

6 0.00147 0.09155 -0.31135 0.10772 -0.00097 -0.71345

7 0.00216 0.11071 --0.38611 0.25792 -0.00076 -1.05681

8 0.00142 0.18615 -0.76108 0.74001 -0.00013 -1.35729

9 0.00681 0.09964 -0.30165 -0.00252 0.00032 0.05106

10 0.00536 0.16930 -0.54852 0.20149 (J.00133 -1.39210

11 0.00871 0.21573 -0.34730 -0.55274 0.00252 -3.93809

12 0.01268 0.19176 --0.22055 ·-0.71886 0.00238 -2.50095

13 0.01891 0.25610 -0.61300 -0.34549 0.n0206 4.39566

14 0.01283 0.57924 -2.91 '125 3.62863 -0.00003 ~3.12316

15 -0.05784 1.30330 -9.95914 18.12476 0.00216 -0.97701

" B
'2

Bl3 B, • B x 10+ 6

"
1 0.01334 ·-0.06052 -0.00463 0.00028

2 0.02758 -0.12623 -0.00965 0.00034

3 0.02390 -0.25254 ·_·0.01479 0.00045

4 0.00935 -0.41783 -0.02001 0,00036

5 -0.00n6 -0.68714 -0.02647 0.00021

6 -0.00696 -0.90402 -0.03292 0.00002

7 0.13956 -0.51697 -0.03541 -0.00031

8 0.17097 -0.59970 -0.04157 -000041

9 0.17897 -0.58601 -0.04958 -0.00024

10 0.20709 -0.69765 -0.05311 -0.00056

11 0.23022 -1.12538 -0.05796 0.00077

12 0.22683 -1.17960 ·-0.06484 0.00127

13 0.08343 -1.80161 -0.08567 0.00253

14 0.33804 -0.57097 -0.06865 0.00075

15 0.35827 2.28471 0.09056 0.01175
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TABLE 4.3.3.2-0 (CONTO)
METHOD 1

REGRESSION COEFFICIENTS
M =' 1.400

0 B
O B, B2 B3 B. BS

1 0,00157 -0.00557 -0.00057 -0.00067 0.04543 0.00020
2 0.00283 -0.00385 -0.00035 -0.00231 0.OB027 0.00020
3 0.00580 -0.OOb43 0.00011 -0.00436 0.13016 0.00044
4 0.01126 -0.00755 0,00060 -0.00607 0.16445 0.00036
5 0.01710 -0.00602 0.00147 -0.00887 0.21080 0.00052
6 0.03541 -0.01819 0.00101 -0.01140 0.22765 0.00043
7 0.04051 -0.00700 0.00376 -0.01602 0.24154 0.00042
8 0.04478 -0.00232 0.00583 -0.01817 0.34976 0.00084
9 0.07564 -".00509 0.00509 -0.02763 0.20858 0.00099

10 0.08951 0.00473 0.00632 -0.03430 0.16744 0.00120
11 0.11793 -0.00028 0.00502 -0.04128 0.18050 0.00162
12 0.08874 0.08143 0.01520 -0.04933 0.21049 0.00090
13 0.26017 -0.12899 -0.01372 -0.04668 0.12047 0.00000
14 0.Q6149 0.12399 0.01598 -0.02868 0.40721 -0.00173
15 0.32684 -0.00669 -0.00231 -0.09153 0.13368 -0.00016

0 B. B7 B. B. B,O B

"
1 0.00049 -0.00040 0.00088 -0.00206 -0.00018 -0.21101
2 0.00065 0.00556 -0.01723 0.00889 -0.00065 -0.31472
3 0.00066 0.01074 -0.03276 0.01790 -0,00112 -0.52483
4 0.00095 0.01416 -0.04143 0.022B2 -0.00151 -0.61570
5 0.00092 0.03055 -0.09043 0.05429 -0.00172 -0.91572
6 0.00083 0.04136 -0.12409 0.Q7650 -0.00188 -1.06178
7 0.00059 0.06188 -0.19356 0.12308 -0.00183 -1.29615
8 0.00034 0.09882 -0.30521 0.20226 -0.00202 -2.30528
9 0.00104 0.19819 -0.85614 0.92464 -0.00193 -1.16990

10 0.00204 0.22722 -0.95835 1.01882 -0.00219 -0.B3807
11 0.00182 0.27385 -1.15352 1.24001 -0.00241 -0.99790
12 0.00170 0.32167 -1.34443 1.47775 -0.00156 -1.42727
13 0.00886 0.13442 0.06467 -1.04149 -0.00131 -0.91704
14 0.01785 -0.02692 0.8'494 -1.76098 -0.00915 -5.61367
15 -0.01151 0.26982 -1.48732 2.19990 0.00757 0.06241

• B'2 B. 3 B••
+.8 15 x 10

1 0.01591 -0.05851 -0.00435 0.00024
2 0.02992 -0.13305 -0.00929 0.00030
3 0.04719 -0.17722 -0.01392 0.00043
4 0.04159 -0.29398 -0.01873 0.00062
5 0.04397 -0.43206 -0.02376 0.00065
6 0.06035 -0.53017 -0.02925 0.00071
7 0.16772 -0.29734 -0.03314 0.00062
8 0.21498 -0.26741 -0.03588 0.00037
3 0.24629 -0.29801 -0.04400 0.00029

10 0.25079 -0.45710 -0.05218 0.00082
11 0.23820 -0.66717 -0.05883 0.00091
12 0.22909 -0.91669 -0.06660 0.00074
13 0.16346 -1.43306 -0.07209 0.00208
14 0.22960 -Q.52901 -0.04924 0.00550
15 0.14657 -0.55797 --0.06595 -0.00540
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TABLE 4.3.3.2·0 (CONTO)
METHOD 1

REGRESSION COEFFICIENTS
M co 1.500

" BO B, B, B3 B. BS

1 0.00028 ~0.00531 -0.00047 0.00083 0.01860 0.00016
2 0.00572 -0.01091 -0.00099 0.00044 0.04745 0.00011
3 0.00691 -0.00879 -0.00019 -0.00178 0.10149 0.00033

• 0.02023 -0.02725 ~0.00172 -0.00011 0.10141 0.00023
5 0.02641 -0.01846 -0.00020 -0.00592 0.18507 0.00036
6 0.04958 -0.05108 -0.00283 -0.00226 0.13830 0.00036
7 0.06259 -0.04729 -0.00172 -0.00838 0.16567 0.00038
8 0.07827 -0.04638 -0.00111 -0.01498 0.25049 0.00072
9 0.09523 -0.04553 -0.00034 -0.02197 0.31504 0.00126

10 0.10838 -0.04623 0.00092 -0.02505 0.38815 0.00207
11 0.11457 -0.02888 0.00335 -0.03059 0.48120 0.00267
12 0.15792 -0.O52~4 -0.00049 -0.03716 0.53228 0.00291
13 0.21437 -0.12313 -0.00197 -0.02976 0.59260 0.00220

"
0.06391 0.09522 0.01730 -0.03031 0.62570 0.00079

15 0.32106 -0.07231 -0.00820 -0.07269 0.22147 0.00030
16 103.09483 ~13O.05203 -23.01212 -0.12115 1.41383 -0.26344
17 75.90837 -96.81050 -17.28999 0.43793 2.46481 -0.20733

" B6 B, B. B. B,0 B"

1 0.00041 0.00447 -0.01491 0.01125 -0.00042 -0.04700
2 0.00054 0.00779 -0.02110 0.01391 -0.00111 -0.12996
3 0.00058 0.01793 -0.05555 0.03640 -0.00135 -0.44197

• 0.00112 0.02610 -0.08192 0.05726 -0.00260 -0.28129
5 0.00045 0.04744 --0.14930 0.09895 -0.00205 -1.02289
6 0.00102 0.06170 -0.19775 0.13913 -0.00390 -0.58817
7 0.00070 0.07877 -0.25819 0.17831 --<l.00358 -0.77266
8 0.00035 0.11264 -0.37444 0.25663 -0.00328 -1.41942
9 -0.00007 0.15081 ~0.50534 0.34530 -0.00271 ~2.00938

10 -0.00133 0.23586 -0.98431 1.05085 -0.00333 -3.04438
11 -0.00223 0.26174 -1.02835 l.04236 ~0.00'39 -4.08522
12 -0.00240 0.24543 -0.82995 0.65777 -0.00453 -4.59546
13 -0.00054 0.18633 -0.30029 -0.'24104 -0.00544 -5.99071

"
0.01018 0.00806 0.60273 -1.42956 -0.01247 -7.48227

15 -0.00483 0.16214 -0.49650 0.31938 0.00032 -2.96651
16 5.07326 -141.25533 589.65942 -677.16602 -1.35118 -13,47584
17 3.99498 -108.87743 472.99951 -562.11035 -1.13367 -21.36497

Q B
'2 B'3 B, •

+68 15 x 10

1 0.02767 -0.03146 -0.00443 0.00025
2 0.03932 -0.12355 -0.00939 0.00033
3 0.07609 -0.12497 -0.01370 0.00032
4 0.06646 -0.26070 -0.01820 0.00072
5 0.08017 -0.40137 -0.02307 0.00033
6 0.10356 -0.43001 -0.02758 0.00091
7 0.15294 ---0.41352 -0.03275 0.00083
8 0.18420 -0.45614 -0.03651 0.00041
9 0.22163 -0.48580 -0.04082 0.00006

'0 0.28647 -0.43662 -0.04560 -0.00007

" 0.30032 ~0.57579 -0.04976 -0.00002
12 0.30269 --<l.67818 -0.05251 -0.00015
13 0.30106 -0.96184 -0.05740 0.000):;1
14 0.31863 -0.32660 -0.04391 0.00445
15 0.26122 -0.41801 -0.05250 -o'<XJ274
16 144.72121 390.29077 0.37379 1,40259
17 121.12621 271.07422 0.28761 1.14584
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:r ABLE 4.3.3.2-0 (CONTO)
METHOD 1

REGRESSION COEFFICIENTS
M =' 2.000

" BO
B

1 B, B3 B4 B,

1 0.02739 -D.04233 -0.00606 0.00381 -D.02875 0.00029
2 0.07553 -0.11930 .-o.015B6 0.01171 -0.07630 0.00056
3 0.07364 -0.11607 -0.01476 0.01119 -0.05201 0.00056
4 0.08820 --0.13065 -0.01690 0.01067 -D.04046 0.00073
5 0.10524 -0.15034 -0.01915 0.01121 .-0.00600 0.00085
6 0.11737 -0.15989 -0.02016 0.01074 0.00851 0.00097, 0.13005 --0.16403 -0.02019 0.00823 0.01741 0.00097
B 0.15887 -0.19848 -0.02321 0.00928 0.01671 0.00114
9 0.19314 -{).22421 -0.02756 0.00788 0.04264 0.00100

10 0.21766 .-0.23029 -0.02967 0.00394 0.06635 0.00087
11 0.22138 ---0.22948 ---0.02480 0.00030 0.03912 0.00094
12 0.27413 ---0.27002 -0.03168 ---0.00152 .-0.02566 0.00089
13 0.29047 -0.25721 ---0.03340 ---0.00232 0.04553 0.OG036
14 0.37017 ---0.34377 ---0.04454 0.00100 0.04507 0.00075
15 0.56237 -0.47765 .-0.06868 .-0.02981 ---0.19184 -D.OD103

a B. B, B, B. B,o B11

1 .-0.00045 0.04098 .-0.23030 0.38557 .-0.00046 0.26480
2 ---0.00166 0.09261 .-0.56299 1.03211 ---0.00012 1.13879
3 -0.00137 0.09665 ---0.57350 1.02931 ---0.00037 1.01436
4 -0.00139 0.11595 -0.64778 1.10953 .-0.00082 0.92580
5 -0.00176 0.13154 -0.70979 1.19218 .-0.00132 0.78751
6 -0.00200 0.15482 -0.81082 1.31452 ---0.00148 0.65558
7 -0.00212 0.17280 -0.89271 1.41543 .-0.00208 0.51476
8 -{I.00186 0.17449 -{I.83012 1.25395 -{I.00413 0.17723
9 -{I.00236 0.21284 -{I.99934 1.47842 -0.00507 -0.04647

10 -0.00321 0.25793 -1.23851 1.83802 -0.00493 0.08167
11 -0.00250 0.22251 -1.00127 1.40514 -{I.00436 -0.00866
12 -0.00398 0.28785 -1.30884 1.85827 -0.00494 0.42450
13 ---0.00477 0.36357 -1.63001 2.31215 -0.00656 --0.45700
14 ---0.00421 0.28733 -1.07968 1.39936 -0.01287 -0.91426
15 -0.00647 0.13657 -0.18101 -0.06424 -0.00363 2.27686

B12 B13 B14
+.a 8 15 )( 10

1 0.01276 -0.14413 ---0.00677 0.00026
2 -0.00739 -0.45431 -0.01837 0.00048
3 0.01489 -0.45917 -0.02103 0.00058
4 0.03859 -0.56613 -0.02521 0.00076
5 0.04974 -0.57770 -0.02809 0.00079
6 0.05515 -0.65604 -0.03121 0.00090
7 0.08463 -0.64573 -0.03368 0.00094
8 0.11120 -0.74441 -0.03771 0.00152
9 0.13302 -0.83799 -0.04221 0.0014'

10 0.14411 -0.94664 -{I.04835 0.00113
11 0.17336 -0.91347 -0.05040 0.00154
12 0.17794 -1.16748 -0.06059 0.00159
13 0.19870 -1.30091 -0.06413 0.00117
14 0.21462 -1.31872 -0.06397 0.00160
15 0.10918 -1.62533 -0.06664 -{I.00145
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TABLE 4.3.3.2·0 (CONTO)
METHOD 1

REGRESSION COEFFICIENTS

M "" 2.500

~~~-r--.~-~~~

0 Bo B, B2 B3 B4 B,

1 0.00478 --0.01228 --0.00200 0.00178 0.02268 0.00042
2 --0.00290 0.00255 0.00032 ......(J.00094 0.00174 0.00052
3 -0.00643 0.01813 0.00254 ......(J.OO548 --0.04823 0.00057
4 0.03039 -D.01018 --0.00289 -0.00806 -0.06663 0.00035
5 0.18151 --0.13661 -0.02839 -0.01167 --0.17355 -0.00194
6 0.10365 --0.04753 -D.01221 -0.01596 -D.10382 -0.00109
7 0.05376 --0.01156 -0.00259 -D.01308 -0.03618 0.00015
B 0.09862 ----0.04772 -D.00967 -D.o1519 -0.07924 0.00002

9 0.15347 -0.09079 -D.01754 -0.01811 -0.11204 -0.00043

'0 0.23161 -0.14988 -0.02798 -0.02334 -0.18635 -0.00097
11 0.21702 -0.12739 -0.02026 -0.03322 --0.19810 -0.00056
12 0.24585 --0.14100 -0.02160 ·--{).03754 -0.15242 --0.00033
13 0.36687 --0.35416 --0.04882 --0.00576 0.35939 0.00081
14 0.20578 --0.24662 -0.02417 0.02798 0.61627 0.00130

'5 0.38159 -0.28580 --0.03447 -0.03879 0.01325 -0.00040

0 B6 B, B, B. B,O B
ll

1 0.00046 0.03499 --0.19529 0.30678 -D.00252 -0.31168
2 0.00030 0.Q1727 -0.04537 --0.01635 --0.00044 --0.44534
3 --0.00034 0.00483 0.08492 -0.31595 0.00307 -0.62776
4 -0.00130 0.01234 0.06025 --0.23702 0.00223 -0.95984

5 -0.00438 0.03798 -0.18556 0.57011 -0.00334 -0.15262

6 --{).00305 0.01707 0.04987 -0.11416 -0.00016 -1.034BO
7 --D.00178 0.04656 --0.03574 -0.22868 0.00149 -1.98522

B --0.00242 0.06384 --0.12008 -0.03324 0.00061 -1.46935

9 --0.00345 0.08977 --0.20825 0.09932 --0.00032 -2~02305

10 -0.00545 0.11321 --0.25012 0.18655 -0.00271 -2.29B38
11 -0.00359 --{).02825 0.54326 -1.28762 0.00672 --0.67739

'2 --0.00346 -0.02755 0.58868 --1.43130 0.00327 --0.88390
13 0.00062 -0.00716 0.50164 -1.02755 -o.Q1386 -4.00934
14 0.00750 --0.02177 0.82050 ~1.68213 -0.01220 -7.39198

15 ---{).00074 --0.32694 2.67639 -4.90278 0.00633 -2.65221

0 8
'2 B'3 B'4

B 10+ 6"x
1 0.04574 0.10784 ---{).00198 0.00046

2 0.06010 0.09237 ---{).00325 0~OOO42

3 0.06792 0.01173 -0.00551 0.00035

4 0.08604 -0.08550 ---{).OO935 0.00010

5 0.01677 -0.58262 --0.01818 --0.00145

6 0.09659 -0.35116 --0.01834 ---{).00077

7 0.15009 --0.24464 --0.01898 0.00026

8 0.12706 -{)~38722 --0.02282 0.00019

9 0.18927 --0.41734 --0.02724 0.00013

10 0.19130 -0.72356 -0.03387 -{l.00038
11 0.14314 -{).66563 --0.03354 --{).00065
12 0.14943 -0.75084 -0.03504 -0.00105

'3 0.14865 --0.84247 --0.02897 -0.00132
14 0.16566 -0.72137 --0.01595 0.00093

'5 0.11597 -1.18691 -0.03044 -0.00194

4.3.3.2-36



Revised April 1976

4.4 WING-WING COMBINATIONS AT ANGLE OF ATTACK (WING FLOW FIELDS)

4.4.1 WING·WING COMBINATIONS AT ANGLE OF ATTACK

This section presents methods of estimating the properties of wing flow fields. The subsonic methods
include the effects of flow direction (downwash) and dynamic-pressure ratio. The supersonic methods
include the effects of downwash, dynamic-pressure ratio, and Mach number.

A. SUBSONIC

Downwash*

The downwash behind a wing in subsonic flow is a consequence of the wing-trailing-vortex system. The
trailing-vortex system behind a swept wing is shown in Sketch(a). A vortex sheet is shed by the lifting wing,
and the sheet is deflected downward by the bound or lifting vortex and the tip vortices, which comprise the
vortex system. In general, the sheet is not flat, but the curvature near the wing midspan is usually relatively
small. This is particularly true of straight wings of reasonably large aspect ratio, for which the central
portion of the vortex sheet is extremely flat. Wings with considerable trailing-edge sweepback produce a
vortex sheet that is bowed upward near the plane of symmetry.

TIP VORTEX
DISPLACEMENT, h

TAIL OR OTHER LIFTING SURFACE
cH

VORTEX CORE

SKETCH (a)

The tip vortices do not "Ixperience a vertical displacement as great as the displacement of the central
portion of the vortex sheet. In general, they trail back comparatively close to the streamwise direction.

~This general discussion is e.entielly quoted fromReference 1.

4.4.1-1



Furthermore, as the vortex system proceeds downstream, the tip vortices tend to move inboard. Also, with
inLTeasing distance behind the wing, the trailing-sheet vorticity tends to be transferred to the tip vortices.
TI,e transfer of vorticity and mboard movement of the tip vortices takes place in such a fashion that the
lateral center of gravity of the vorticity remains at a fixed spanwise location. When all of the vorticity is
transferred from thc sheet to the trailing vortices, the vortex system is considered to be fully rolled up, and,
In a nonvisenus lluid. the vortex system then extends unchanged to infinity.

Ahead of the longitudinal station for complete rollup, the spanwise downwash distribution is dependent
upon the spanwise lift distribution of the wing. However, when the rollup is complete, the downwash angles
f"r all wings of equal lift and equal effective span are identical. It is evident that the shape of the vortex
sheet has a significant inlluence on the downwash experienced by a tail located in the llow field of a wing
and that the tail location relative to the trailing vortices is very important. Since the tip vortices are
somewhat above the vortex sheet, the downwash above the sheet is somewhat greater than the downwash
benea th the sheet.

The tip vortices spring from the wing tips at angles of attack for which the llow is unseparated. However,
wings with high sweepback angles tend to stall at the tips, and in many instances the tip vortices originate
well inboard of the wing tip at high angles of attack. This phenomenon has a significant inlluence on the
downwash.

The previous discussion has been concerned with wings that behave in a somewhat conventional manner at
high angles of attack. Certain thin, highly swept wings have a significantly different llow pattern in the
higher angle-of-attack range. These wings are characterized by a leading-edge separation vortex that lies
above the surface of the wing. From its inception near the plane of symmetry, it moves outboard in the
approximate direction of the wing leading edge and is finally shed in a streamwise direction near the wing
tip. Reference 2 shows some interesting studies of the separation vortex. It is clear that the existence of this
vortex has an important influence on the downwash.

For very low-aspect-ratio configurations or for canard configurations, the tip vortex from the forward panel
may impinge directly on the aft surface. Reference 3 contains a method (presented as Method 3 herein) of
estimating the lift acting on the aft panel for this type of configuration. The method assumes that the
trailing vortices are shed at a spanwise station corresponding to the center of vorticity of the isolated panel.
The vortex pair is then assumed to remain at this spacing for longitudinal distances at least beyond the aft
panel. This spacing is also assumed to be constant as a function of angle of attack. In the vertical plane the
vortex pair is assumed to trail in the free-stream direction. These assumptions are shown in Reference3 to
be not only convenient, but reasonable in the light of experimental data. With the position of the vortices
determined and their strength calculated from the lift of the forward panel, the integrated lift on the aft
panel can be computed by means of strip theory. Because the theoretical vortex contains infinite velocities
at its center, the method gives erroneous answerS where the vortices trail very close to the aft panel. In
reality the cores of the vortices revolve as solid bodies with zero tangential velocity at their centers.

Downwash Due to Flap Deflection

The down wash behind a wing is substantially modified by the dellection of trailing-edge Ilaps. This
deflection creates an increase in the spanwise loading on the wing that increases the strength of the
wing-trailing-vortex system. Consequently, the increased strength of the wing-trailing vortex produces an
increase in the downwash angle.
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At present, no theoretical methods exist that lend themselves to hand calculation for predicting the
variation in downwash angle due to nap deflection. However, empirical CUIVes are presented for estimating
the variation in downwash angle due to deflection of plain or slotted flaps at small angles of attack at low
subsonic speeds. The correlation parameters used to generate these curves are presented in Reference 4. The
curve for slotted flaps is based on data from single- and double-slotted flap data.

Upwash

Upwash ahead of the wing is induced by the wing vortex system in a manner similar to that for downwash.
A knowledge of flow fields beneath and ahead of a wing is sometimes required for the determination of
forces and moments on nacelles or external stores or for the determination of inflow velocities into
propellers of jet-engine intakes. Reference 3 contains charts for determining upwash about any
straight-tapered swept or unswept wing. Because of their volume, these charts have not been included in the
Datcom. Reference 5 contains a limited treatment for unswept wings only.

Dynamic-Pressure Ratio

The effectiveness of a lifting surface is directly proportional to the average dynamic pressure acting over
that surface. A surface operating in the wake of an upstream surface therefore experiences a loss in
effectiveness because of the reduced dynamic pressure. The decrease in dynamic pressure is caused by the
loss of flow energy in the form of friction and separation drag of the forward surface; the greater the drag,
the greater the pressure loss.

The wake, usually thin and intense at or near the trailing edge, spreads and decays with increasing distance
downstream in such a manner that the integrated momentum across the wake at any station is constant.
This type of wake, which is due to viscous effects, occurs at all speeds.

DATCOM METHODS

Subsonic Downwash

Three methods are presented below for estimating downwash characteristics. The first method is somewhat
laborious, but enables the complete downwash curve to be estimated. The second method is accurate and
expedient to use, but predicts only the downwash gradient. The third method is applicable only for
configurations where the span of the forward surface is approximately equal to or less than that of the aft
surface. Tables 4.4.I-A and -B present a data summary and substantiation for Methods I and 2,respectively,
using the same test data.

Method 1

This method for estimating the downwash behind straight-tapered lifting wings at subsonic speeds is taken
from Reference I. The method is applicable to configurations in which the span of the wing is at least 1.5
times as large as that of the horizontal tail (b/bH ;;;. 1.5). The basic approach is as follows (see Sketch(a)):

I. Determine the downwash in the plane of symmetry at the height of the vortex cores and at the
longitudinal station of the quarter-chord point of the horizontal-tail mean aerodynamic chord.

2. Correct this value for the ·horizontal-tail height above or below the trailing vortices.

3. Evaluate the effect of horizontal-tail span by relating the average downwash at the tail to the
downwash determined in the second step.
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af
The downwash gradient ila at the trailing edge of a wing is unity. The value at a distance infinitely far

downstream is given by (Reference 6) as

4.4.1-a

If these two values are known, the downwash gradient for any intermediate longitudinal position can be
found by means of lifting-line theory.

For straight wings that have tip stall or thin swept wings that shed the leading-edge vortices inboard of the
wing tips, the effective wing aspect ratio is considerably less than the geometric aspect ratio. An effective
aspect ratio based on induced-drag considerations has been determined for these wings.

The maximum downwash at the plane of symmetry occurs at the intersection of the plane of symmetry
wIth the plane containing the tip vortices. The ratio of the downwash at the plane of symmetry at a
height a above or below this intersection to the downwash at the height of the vortex cores 5.- is given by

f y

f

4.4.I-b

where by is the span of the wing-tip vortices at the quarter-chord point of the horizontal-tail MAC,
and a is the height determined by means of Equation4.4.I-c or 4.4.1-<1 (see Sketch(a)).

Because of the spanwise variation of downwash, the effective downwash acting on a horizontal tail is
different from that at the plane of symmetry. A correction for tail-span effect is presented from Reference
I; it is based on the assumption that the vortices are essentially rolled up at the longitudinal tail station.
This is a valid assumption except for cases where the core of the vortex approaches the surface of the tail. It
should be noted that the vortex rolls up in a sho_rter distance as the angle of attack is increased. This is
fortunate, because downwash effects become increasingly important at the higher angles of attack.

The subsonic downwash is obtained from the procedure outlined in the following steps:

QCLmax -aD

estimated fromand O!c L may be
maxselected wing angle of attack and o!o

4.1.3.1 and 4.1.3.4, respectively.
O! is the

Sections

Figure 4.4.1-66 as a function of the wing angle-of-attack parameter

The effective wing aspect ratio Aerr and the effective wing span b err are obtained from
O!- O!o

Step 1.

Step 2. The downwash gradient (~~)}n the plane of symmetry at the height of the vortex core is

obtained for any longitudinal station, e.g., the quarter-chord point of the MAC of the
I.

horizontal tail, from Figure 4.4. 1-67. This figure is entered with 2 b
2

and Aef[, where 1.2 is

the distance measured parallel to the wing root chord, between the aft end of the wing root
chord and the quarter-chord point of the MAC of the horizontal tail (see Sketch (a».
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Step 3. Determine the vertical position of the vortex COre (see Sketch (a)). This depends upon the
type of wing now separation as determined from Figure4.4.1-68a.

For trailing-edge separation

4.4.I-c

For leading-edge separation

where

2
tan r 4.4.I-d

CL is the wing-alone lift coefficient obtained from test data or estimated by using the
straight-tapered-wing method of Paragraph A of Section 4.1.3.3.

a is the distance from the quarter-chord point of the MAC of the horizontal tail to
the plane of the tip vortex cores, positive for the horizontal tail MAC above the
plane of the tip vortex cores.

hH is the height of the horizontal-tail MAC quarter-chord point above or below the
plane of the wing root chord, measured in the plane of symmetry and normal to
the extended wing root chord, positive for the horizontal tail MAC above the
plane of the wing root chord.

lerr is the distance measured parallel to the wing root chord, between the effective
wing-tip quarter-chord point and the horizontal-tail MAC quarter-chord point.

13 is the distance measured parallel to the plane of symmetry, between the forward
end of the wing MAC and the aft end of the wing root chord, and 12 is defined
in Step 2. In both Equations 4.4.1-c and 4.4.1-<1, a is in radians, and the values
of leH,12, and 13 are positive.

Step 4. Determine the span of the vortices at the longitudinal location of the quarter-chord point of
the horizontal-tail MAC by

where

by = [0.78 + 0.10 (X - 0.4) + 0.003 Ac/4 1 berr (Ac/4 in degrees)
ru

4.4.I-e

4.4.I-f
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~ru
0.56 A

Cl

Step 5. By using the parameters calculated in the above steps, obtain the average downwash gradient
af

acting on the tail (aD') from Figure 4.4.1-68b.

Step 6. The procedures of Steps I through 5 are for low speeds. For higher subsonic Mach numbers
the downwash gradient is given by

where

(
dC l )

(
ae_\ _(.ae.\ da M

aaJM - \ aaJ~:ed (dC l )

da low
speed

(ae) is obtained by using Steps I through 5.
aa :;:;d

4.4.I-g

are given by the straight-tapered wing methods of Para
graph A of Sections 4.1.3.2 or 4.1.3.3, depending upon
the Mach number and angle of attack.

Step 7. Determine the average downwash acting on the horizontal tail by integrating the average
downwash gradien t from Step 5 or 6, i.e.,

1" al
f = - da

"0 aa
A sample problem illustrating the use of this method is present.xl on Pages 4.4.1 -\2 through 4.4.1-16. The
method will predict the downwash angles at the horizontal tail with accuracy acceptable for
preliminary-design purposes for most configurations. However, since the effect of tail span has been
determined under the assumption that the vortices are essentially rolled up at the tail location, caution
should be used in applying the method if the tail length is short and the tail plane is near the location of the
vortex core height.

Not enough test data are available to substantiate the validity of the compressibility correction given by
Equation 4.4. I-g.

Method 2

An empirical method for· estimating the downwash gradient behind straight-tapered wings at subsonic
speeds is taken from Reference 7. The method is restricted to the angle-of-attack range over which the
variation of downwash angle is a linear function of angle of attack.
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The avemge low-speed downwash gradient at the horizontal tail is given by

4.4.I-h

where KA • K", and KH are wing-aspect-ratio, wing-taper-ratio, and horizontal-tail-Iocation factors
obtained from Figures 4.4.1 -69a. 4.4.1 -69b, and 4.4.1-70, respectively. In Figure 4.4.1-70, t H is the
distance measur~d parallel to the wing root chord, between the wing MAC quarter-chord point and the
quarter-chord point of the MAC of the horizontal tail, and hH is the position of the quarter-chord point
of the horizontal tail MAC relative to the plane of the wing root chord as defined in Method I.

At higher subsonic speeds the effect of compressibility is approximated by

where

= (_a;)
\aa low

speed

4.4. I-I

(
a.,\
aa)lOW

speed

is obtained using Equation 4.4. I-h.

(CL,,) low and (cLJ M

speed

are the wing lift-curve slopes at the appropriate Mach
numbers, obtained by using the straight-tapered-wing
method of Paragraph A of Section 4.1.3.2.

A comparison of low-speed test data with af fact calculated by this method is presented as Table 4.4.1- B.
The ranges of geometric parameters of the test data are:

2.00 .;; A .;; 8.00

0 .;; A .;; 1.625

3.4 .;; I\c/4 .;; 56.5

-0.177
2 h

H.;; .;; 0.537
b

2 t H
0.78 .;; -- .;; 2.44

b

bH
0.280 .;; - .;; 0.800

b
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Since the tail-span effect has not been explicitly included in this method, the authority of the method

bH .
outside the limits 0.280 .;; b .;; 0.800 IS unknown.

Not enough test data are available to substantiate the validity of the compressibility correction given by

Equation4.4.l-i.

Method 3

For configurations in which the span of the forward surface is approximately equal to or less than that of
the aft surface, the following method, taken fromReference3, is recommended.

Step I. The spatial position of the trailing vortices is first determined relative to the aft surface.
The lateral spacing is determined from Figure 4.4. I -71 as a function of the exposed
forward-surface planform geometry. This spacing is invariant with longitudinal distance
and angle of attack. The vertical position is determined by assuming that the vortex
springs from the trailing edge at the previously determined lateral position and trails in
the free-stream direction. The pertinent vertical dimension is the distance between the
quarter-chord point of the MAC of the aft surface and the vortex as determined above.

Step 2. The vortex interference factor IvW'(W ") is obtained from Figures 4.3.1.3-7a through

4.3.1.3-71 as a function of the lateral and vertical vortex positions, determined in Step I
above, and the geometry of the aft panel. (The primed notation refers to the forward panel
and the double-primed notation refers to the aft panel.)

Step 3. The vortex interference factor so determined is used in Sections 4.5.1.1 and 4.5.1.2 to
obtain the lift generated on the aft surface for complete wing-body-tail combinations.

The use of the sample problem on Page 4.4.1-16 as a guide is essential in applying this method.

Subsonic Downwash Due to Flap Deflection

The method for estimating the change in downwash due to deflection of plain or slotted flaps is based on
the empirical curves presented in Figure 4.4.1-72. Tables 4.4.I-C and -D present a data summary and
substantiation of the test data used to generate these empirical curves. The user is advised to exercise
caution when evaluating a configuration with different geometric parameters from those appearing in
Table 4.4.I-C.

To utilize Figure 4.4.1-72, the user obtains a value for Lle Afbr)bl2.Jlbased on the flap type and the ratio of
LlCL

h
tail height above the wing-chord plane to wing semispan _jH. The change in downwash angle Lle is then

b 2
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,lhtallled hy

= 1M A[br~/2)l( aCL

aCL \ A[brj(b/2)]

where

A

h/2

is the wing aspect ratio.

is the ratio of flap span of one wing to wing semispan.

is the lift increment due to flap deflection obtained from test data or Section
6.1.4. I.

is the wing semispan.

is the tail height above the wing-chord plane, positive up.

Subsonic Upwash

3€u
The upwash gradient -- in the plane of symmetry of an unswept wing is presented as a function of the

. 3a
wing aspect ratio in Figure 4.4.1-73. This chart is from Reference 5.

In Reference 3, the flow characteristics beneath a wing are calculated by assuming the wing to be
represented by a multiple arrangement (both chordwise and spanwise) of horseshoe vortices and accounting
for the effects of wing thickness distribution by using the appropriate singularity distribution in
conjunction with simple sweep theory. The calculative procedures, together with the required design charts,
are presented in Reference 3. Also presented are comparisons between detailed experimental flow fields
around swept and unswept wing-fuselage combinations and wing-alone flow fields calculated by this
method. The calculated results are qualitatively correct in all cases investigated.

Subsonic Dynamic-Pressure Ratio

This method for estimating the dynamic-pressure q!qOo at subsonic speeds and in the linear angle-of-attack
range is based on the method presented in Reference 8, which relates the dynamic-pressure ratio to the drag
coefficient of the wing. The method gives values of q!qoo at the plane of symmetry only. Actually,
considerable variations in q!qoo can occur in both the spanwise and longitudinal directions. Sketches (b)
and (c) show typical spanwise and longitudinal variations, respectively, of dynamic-pressure ratio for a
straight wing and a 600 sweptback wing (from Reference 9). In general these data indicate that stronger
spanwise deviations result when the wing is swept back, and stronger longitudinal deviations result when the
wing is unswept.
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SKETCH (c)

1.5

In the linear angle-of-attack range, the ratio of the dynamic pressure in the plane of symmetry at some
distance x aft of the wing-root-chord trailing edge to the free-stream dynamic pressure q/q is obtained

00from the procedure outlined in the following steps:

Step I. Calculate the half-width of the wing wake by

c
4.4.1-j

where

x is the longitudinal distance measured along the wake center line from the
wing-root-chord trailing edge, positive aft.

Zw is the half-width of the wake at any position x.

CD 0 is the wing zero-lift drag coefficient obtained from Paragraph A of Section

4.1.5.1.

Step 2. Calculate the downwash in the plane of symmetry at the vortex sheet (assumed to be the
same location as the wake center line) by

E (radians) 4.4.I-k

Step 3. Determine the vertical distance z from the vortex sheetto the point of interest (usually the
quarter-chord point of the MAC of the horizontal tail) by

4.4.1-10

z = xtan(I'+E-C10

where l' is defined in Sketch (d).
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Step 4. Determine the dynamic-pressure-Ioss ratio at the wake center (~q) 0 by the empirical

relation

4.4.I-m
x
- + 0.30
c

Step 5. Determine the dynamic-pressure-Ioss ratio for points not on the wake center line by

4.4.1-n

where (~2.) is expressed in radians.
2 Zw

Step 6. Detennine the dynamic-pressure ratio in the plane of symmetry at an arbitrary
distance x aft of the wing-root-chord trailing edge by

q

<100

llq
= 1-

q 4.4.1-0

Note, that if the distance from the vortex sheet to the point of interest is equal to or greater than the wing
wake half-width, the dynamic-pressure ratio at the point of interest is unity, i.e., q/qoo = 1.0
for z/zw ;;. 1.0.

POINT UNDER
CONSIDERAnON

~~_oc:::::::::::::~:::::::>".;:::....~=:::;I~=-, €........__

V -::::- or - ~ ~ W<\KE

CENTER
LINE

SKETCH (d)

A comparison of test data with dynamic-pressure ratios calculated by this method is given inTable4.4.I.E.
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Sample Problems

(Method I)

The wing b- ody-tail configurat'IOn of R fe erence 20.

I, Subsonic Downwash

Given:

WingCharacteristics:

A = 2.31 A = 0

I\C/4 = 52.40

r = 0 b = 36.5 in.

c = 21.1 in.

hH = 15.88 in.

NACA 65(06r006.5 (free-st .ream duect'
H . IOn)

onzontal-Tail Characteristics:

b
H

= II 53 .. tn.
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Additional Characteristics:

1J = Cw (delta wing)

Low speed (M = 0.17)

12 = 26.28 in. 1eff = 12 (delta wing)

Compute:

(wing-alone test data from
Reference 20)

1.115

The final calculations are presented in table form on Page 4.4.1-15. Many of the quantities listed below
appear as columns in the table.

Determine the effective wing aspect ratio and the effective wing span.

a-ao
-,.---"--- =ar _ a

'Lmax 0

a-O
33.0 - 0

a=
33.0

(Figure4.4.1-66)

Determine the downwash gradient in the plane of symmetry at the height of the vortex core.

2(26.28)= = 1.44
36.5

( :~\vval (Figure4.4.1-67)

Determine the vertical position of the vortex core.

Ay = 1.28% c (Figure 2.2. 1-8)
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Leading-edge separation is predominant (Figure4.4.1-68a); therefore

(
0.41 CL )

15.88-(26.28+21.10) 01- -0
1[ Aeff

= 15.88 _ 47.38/01- 0.41 CL
)\1 1r A

cff

(Equation 4.4. I-d)

Determine the span of the vortices at the longitudinal location of the quarter-chord point of the tail
MAC.

b
vru

= [0.78 + 0.10 (A - 0.4) + 0.003 !l.c/4 1 beff (Equation 4.4.1-0

= [0.78 + 0.10 (0 - 0.4) + 0.003 (52.4)] beff

= 0.897 beff

0.56 A (0.56) (2.31) 1.294
~'" = -- = = --

CL CL CL

C! t2
eff

by = beff - (beff - by,) b ~ru (Equation 4.4.1-e)

c.44r= beff - (berf - bvru ) ~

Determine the average downwash gradient acting on the tail.

(3€\/(~) = f(2a, b
H

\ (Figure4.4.1-68b)
aa} aa y bv bvJ
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Solution:

CD (2) o @ ®
0' -0'0 Aeff beff beff

" A b Aeff (in.! 0'lila1 y
CL" CL -0'0

max Te"
(dog) (1)/33.0 (Fig. 4.4. '·661 IF ig. 4.4.1-66) 2.310 36.50 (Fig. 4.4.1-67) Values

4 0.121 1.00 1.00 2.31 36.5 0.590 0.150

8 0.242 j j j I j 0.315

12 0.364 0:480

16 0.485 0.975 0.988 2.25 36.1 0.600 0.655

20 0.606 0.875 0.933 2.02 34.1 0.640 0.825

24 0.727 0.780 0.877 1.80 32.0 0.670 0.!H5

28 0.848 0.680 0.809 1.57 29.5 0.730 1.115

® @ @ @) @
0.41 C

L
by

--- a CEq. 4.4.1·el
tr Aeff IEq. 4.4.1-(1) t,u

b
vru 1.44 f2" 0.41@ 15.8847.38~(1) -@) 0- ,@-@J(@1.294 leo. 4.4.1-11

(dog) ·0 57.3 ® 0.897 0
4 0.0085 12.97 8.627 32.7 34.9
8 0.0178 10.11 4.108 I 34.3

12 0.0271 7.24 2.696 33.7
16 0.0380 4.45 1.976 32.4 32.9
20 0.0533 1.87 1.568 30.6 30.7
24 0.0707 - 0.61 1.327 28.7 28.6
28 0.0927 - 2.88 1.161 26.5 26.2

G G§l ~ @ @

b H (::)/(~)v
a, ,

28 -aa fa" by by @Q)@ da
(dog) 2@/@ 11.53/@ (Fig.4.4.1-68bl

0

4 0.743 0.330 0.65 0.3835 1.44

8 0.590 0.336 0.73 0.4307 3.06

12 0.430 0.342 0.82 0.4838 4.88

16 0.271 0.350 0.92 0.552 6.92

20 0.122 0.376 0.99 0.6336 9.28

24 -0.043 0.403 1.04 0.6935 11.96

28 -0.220 0.440 0.95 0.6968 14.76
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The calculated results are compared with test values from Reference20 in Sketch(e).
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2. Subsonic Downwash (Method 2)

ANGLE OF ATTACK,a (deg)

SKETCH (e)

Given: The wing-body-tail configuration of Reference 20. This is the same configuration as Sample
Problem I above.

Wing Characteristics:

A = 2.31 A = 0 r = 0

b = 36.5 in. NACA 65(06)-006.5 (free-stream direction)

Horizontal-Tail Characteristics:

hH = 15.88 in.

Additional Characteristics:

RH = 31.57 in.

4.4.1-16
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Compute:

2hH 2(15.88)
0.870-= =

b 36.5

21H 2(31.57)
1.73-- = =

b 36.5

KA = 0.240 (Figure4.4.1-69a)

KX = 1.43 (Figure 4.4.1 -69b)

KH = 0.470 (Figure4.4.1-70)

Solution:

ae
aCt (Equation 4.4. I-h)

= 4.44 [(0.240) (1.43) (0.470) (cos 52.40 )1/2]1.19

= 4.44 (0.126)1.19

= 0.377

The calculated value compares with a test value of 0.330 from Reference 20.

3. Subsonic Downwash (Method 3)

Given: The same configuration as that of Sample Problem 2 of Paragraph A of Section 4.5.1.1.

1,

Wing Characteristics:

A' = 1.80• X' = 0.378• b'/2 = 141.42 in. d '/2 = 26.94 in.
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Horizontal-Tail Characteristics:

A" ~ 0.515
c b "/2 110.64 in. d "/2 ~ 22.08 in.

Additional Characteristics:

Low speed (M ~ 0.13); il ~ 0.9915

x ~ 165.6 in. (distance from the wing trailing edge to the quarter-chord point of the horizontal
tail MAC)

Compute:

Determine the lateral spacing of the trailing vortices at station x.

iJA: ~ (0.9915)(1.80) ~ 1.785

b' /2 - d '/2
v

b '/2 - d '/2
~ 0.785 (Figure 4.4.1-71 c)

b'12 - d '12 ~ 141.42 - 26.94 ~ 114.48 in.

b '/2 - d'/2 ~ (0.785) (114.48) ~ 89.87 in.
v

b;/2 ~ 89.87 in. + d '12 ~ 116.81 in.

b;' /2 ~ b;/2 = 116.81 in. (The method assumes that the lateral spacing of trailing vortices
is invariant with longitudinal distance and angle of attack.)

b" /2
v

--=
b "/2

116.81

110.64
1.056

Yo
(This value is used in place of in Figure 4.3.1.3-7.)

bw/2

Determine the vertical position of the trailing vortices.

h
v

= x tan 0/ ~ 165.6 tan 0/ (see table below) (The method assumes the vortex springs from
the wing trailing edge and trails in the free-stream direction.)

. hv

The ratio b "/2
Zo

is used in place of in Figure 4.3. 1.3-7.
bw/2
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b "/2
=

22.08

110.64
0.200

r
(This value is used in place of in Figure 4.3.1.3-7.)

bw /2



o is used in Sample Problem 2 of Paragraph A of Section 4.5.1.1

Solution:
I
vW'IW"j

Fig. 4.3.1.307 @ 'A.~'.

h hv b~'/2 hva v
165.6 tanD' -- -- and--

Idegl lin.) b"'2 b'12 b'12

0 0 0 -3.0

5 14.49 0.131 -2.5

10 29.20 0.264 -2.0

15 44.37 0.401 -1.68

20 60.27 0.545 -1.40

23 70.29 0.635 -1.27

26 80.77 0.730 -1.15

The interference factor I at a =
V w '(W ")

to obtain the effect on total airplane lift, of the wing trailing vortices on the horizontal tail.

4. Subsonic Downwash Due to Flap Deflection

Given: The wing-bOOy-tail configuration of Reference 311

Wing Characteristics:

A = 2.0 b = 23.56 ft ~CL = 0.57 (test data)

Inboard flap station '1j = O. I91

Slotted trailing-edge flaps

Tail Characteristic:

Compute:

Outboard flap station '10 = 1.00

li f = 40°

=
o

--.,-- = 0
(23.56/2) 4.4.1-19



1)" 1),

J
~f Albrfrb/2)]i __ ~8.5

c (Figure 4.4.1-72)
M'L

Solution:

LIE ~ JLlE Albr!!b/2)]/ LlCL

LlC L ( Albrft'b/2)]

0.57
~ (285) ---'---

(::',0) (0,809)

~ 10,04°

This compares with a test value of 8,8° from Reference 31.

5. Subsonic Dynamic-Pressure Ratio

Given: A wing-tail configuration of Reference 9

Wing Characteristics:

A = 6.0 A = 1.0 c = 10.0 in. Sw = 600 sq in. Swot = 1200 sq in.

NACA 0015 airfoil (x, @ 0.30c)

Additional Characteristics:

x = 20.0 in. (survey station location, aft of wing trailing edge)

Low speed R1 = 0.62 x 106 (based on C) 'Y = 0

Smooth sUfface (assume k = 0) S,.r = Sw = 600 sq in.

Compute:

Determine the half-width of the wake.

l/k = ~; read Cr at given R1

4.4.1-20
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Cr = 0.00487 Wjgure4.1.5.1-26)

[I + «;) + 100Cn= 1.225

cos A(t/e) = cos 0 = 1.0
max

(figure 4.1.5.1-28a, for L = 1.2)

RLS. = 1.07 (Figure 4. 1.5. 1-28b)

S
wet = 1200 = 2.0

S,.r 600

= (0.00487) (1.225) (1.07) (2.0)

= 0.0128

Swet
R --

L.S. S f
re

(Equation 4.1.5.I-a)

xl;; = 20.0/10.0 = 2.0

ZW

VCDO (~ + 0.15) (Equation 4.4.1-j)= 0.68
c

= 0.68 V(0.0128) (2.15)

= 0.113

Determine the downwash in the plane of symmetry at the vortex sheet.

€ =

=

1.62 CL

1I'A

1.62 CL

11' 6.0

(Equation 4.4.I-k)

= 0.0859 CL (radians)

= 4.92 CL (degrees) (see calculation table below)

Determine the vertical distance z from the vortex sheet to the point of interest.

z = x tan (-y + € -a) (Equation 4.4.1-1)

= 20.0 tan (0 + € -a) = 20.0 tan (€ -a) (see calculation table below)
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Determine the dynamic-pressure-Ioss ratio at the wake center.

(~Iq)
o

=
x
- + 0.30
c

2.42(0.0128)1/2

2.0 + 0.30

(Equation I4.4.I-m)

= 0.119

Determine the dynamic-pressure-Ioss ratio for points not on the wake center line.

Aq

(~qq)0 cos2 (~ 2-) (Equation 4.4.I-n)=
q 2 Zw

0.119 cos2 (; Z
57/)=

1.13

= 0.119 cos2 (79.65 z) (see calculation table below)

Solution:

The dynamic-pressure ratio in the plane of symmetry at a distance x = 20.0 in. aft of the wing
root-chord trailing edge is

q

qoo
=

~q

q
(Equation 4.4.1-0) (see calculation table below)

® ®
, "0

..!L
cos~~~~ q

"
CL (dog) z 000
test Eq.4.4.1·kl Eq.4.4.1-11 CEq. 4.4.1·nl IEq.4.4.1-o)

Ideg) values 4.92 ® 20 tan I ® - CD) Icol179.65 0 ) 0.119 ® 1- ®
0 -0.01 -0.049 -0.0172 0.9994 0.119 0.881

1 0.055 0.271 -0.2544 0.8800 0.105 0.895

2 0.115 0.566 -0.5008 0.5887 0.0701 0.930

3 0.175 0.861 -0.7470 0.1576 0.0307 0.969

4 0.240 1.181 -0.9848 0.0402 0.0048 0.995

6 0.360 1.771 -1.4790 - - 1.00·

8 0.485 2.386 -1.9660 - - 1.00·

• q/Q.. - 1.0 when z/Zw 2: 1.0.
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The calculated results are compared with test values from Reference 9 in Table 4.4.I·E. (This is the second
configuration given inTable4.4.I-E.)

B TRANSONIC

Downwash

In general, the downwash gradient is proportional to the lift-curve slope. The transonic lift-curve-slope
characteristics are discussed in detail in Section 4.1.3.2. The following discussion summarizes these
transonic characteristics.

For thin, low-aspect-ratio wings the downwash gradient varies smoothly with Mach number. The typical
variation is similar to the lift-curve-slope variation for Type "B" wings shown on Page 4.1.3.2-13.For thick,
high-aspect-ratio wings at low angles of attack the variation is like that of Type "A" wings (snown on the
same page), but at high angles of attack the downwash-gradient variation of these wings is smooth.

The erratic behavior of the thicker wings at low angles of attack is frequently accentuated by shock-induced
boundary-layer separation, which can cause significant changes in the span-load characteristics and hence in
the downwash distribution behind a wing.

No design d,arts for the transonic range are presented, because so few flow surveys are available.

Dynamic-Pressure Ratio

No method has been suggested in the literature for estimating the dynamic-pressure ratio at transonic
speeds. Furthermore, few data measuring this parameter are known to exist. The method suggested herein is
therefore tentative.

DATCOM METHODS

Transonic Downwash

No accurate method is available for the prediction of transonic downwash characteristics. It is suggested
that values be approximated by assuming that the downwash gradient is proportional to the lift-curve slope
as given in Section 4.1.3.2 for low angles of attack and in Section 4. I .3.3 for high angles of attack.

Transonic Dynamic-Pressure Ratio

For estimating the transonic dynamic-pressure ratio, it is suggested that the method presented in Paragraph
A above be applied, with the appropriate zero-lift drag values from Section 4. I.5. I (excluding wave drag).

C. SUPERSONIC

Downwash

At supersonic speeds downwash is caused by two factors. First, thl; region behind the trailing-edge shock or
expansion wave is distorted by the wing vortex system in a manner similar to that which occurs at subsonic
speeds. Because of the variation in span load, a vortex sheet is shed that rolls up with increasing
downstream distance from the surface. Tip vortices similar te' their subsonic counterparts are also present.
At the supersonic Mach numbers, however, the entire flow field is swept back and isolated regions of
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influence may exist over certain portions of the wing surface and in the flow field behind it. For instance,
regions not affected by the wing tip are generally present. For a rectangular wing such a region can be
treated in a two-dimensional manner, Le., no lateral variation of downwash exists.

Secondly, a change in flow direction occurs in the flow region between the leading- and trailing-edge shock
or expansion waves. Since this region of the flow field does not "see" the wing vortex system, numerical
values of downwash can be calculated by applying shock-expansion theory. In order to simplify the
calculations, it is standard practice to perform the calculations with wing-root geometry and to assume
two-dimensional flow. For cases in which the vehicle component (i.e., horizontal tail) immersed in the wing
flow field has less span than the wing, this laller assumption is justified. For cases in which the aft
component is large compared to the forward component (i.e., a wing following a canard surface), this
assumption is not justified, because of the significant spanwise downwash variations associated with the
wing tips. Behind the trailing-edge shock or expansion wave the downwash due to these compressibility
effects is zero.

Dynamic-Pressure Ratio

Variations in the dynamic-pressure ratio exist throughout the field of influence of a wing in supersonic
flight. A thin viscous wake exists behind the wing, with characteristics quite similar to its subsonic
counterpart (see Paragraph A above). In addition, the nonviscous flow region behind the leading-edge shock
or expansion wave also exhibits dynamic-pressure-ratio variations due to compressibility effects. The
application of shock-expansion theory has been shown to yield a reasonable approximation for the
dynamic-pressure ratio in the nonviscous portion of the flow field.

The existence of the trailing-edge shock wave on the upper sutface can cause a significant boundary-Iayer
separation region under conditions of low Reynolds number and/or large angles of allack (see Sketch (f)).
This region of separation creates a wide wake near the trailing edge that is not predicted by the method
presented herein.

--
-

SKETCH(f)

Mach Number Effects

The local Mach number between the leading- and trailing-edge shock or expansion waves can vary
significantly from the free-stream value. Expansion fields increase the Mach number, and compression fields
decrease the Mach number. Vehicle components immersed in these flow fields exhibit different
aerodynamic characleristics because of the varying Mach number. This is illustrated in Sketch (g) for a
double wedge airfoil.
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M = 3.248

M = 3

1/
_aC---.jl

Lumped Parameter

At least one authOlfReferencel 0) has treated the flow field at supersonic speeds by combining the effects of
downwash, dynamic-pressure ratio, and Mach number into a single lumped parameter. This approach gives
valid values for determining the effect of the wing shock-expansion field on stabilizer effectiveness but
cannot give the isolated effects. In the Datcom, this analysis is presented in Section 4.5.1.2.

DATCOM METHODS

Supersonic Downwash

Method I

The downwash behind a straight-tapered wing for either subsonic or supersonic leading and trailing edges
can be approximated by the theoretical method presented in Reference II. The basic theory uses a system
of 20 swept unit horseshoe vortices placed along the load line of the wing (assumed to be the midchord line
in the Datcom). The vortices are then weighted by the span-load variation. The integrated contribution of
each bound and each trailing vortex is then determined as a function of the spatial coordinates and
presented in either table or chart form.

For computing downwash in the plane of symmetry, tables have been prepared based on the downwash due
to the system of swept unit horseshoe vortices.

For computing the spanwise variation of downwash, design charts have been prepared based on an
approximation of the downwash due to the system of swept unit horseshoe vortices. The swept lifting line

4.4.1-25



has been approxImated with semi-infinite unswept horseshoe vortices. Although this approximation does
not predict the exact magnitude of the spanwisevariation in downwash, it has been applied in an effort to
simplify the final solution and to allow design charts to be presented in lieu of lengthy calculation tables.
By USJJ1g this approach. the calculated level of the spanwise downwash variation is adjusted, if necessary, to
the value at the plane of symmetry obtained using the tables.

This method is presented in the Datcom because of its wide range of applicability, even though the tables
and dcsign charts of Reference II have not been reproduced. However, the basic equations are presented for
use in the event that the reference is not available to the user. The span loading of the particular wing being
considered must be known. At the present time this information must be obtained from sources other than
the Datcom, for instance Reference 12.

aE
The derivative at a particular point (x, y, z) in the flow field not close to the trailing edge of the wing

aQi
IS obtained by means of the equation

w

For points on the plane of symmetry

4.4.I-p

w

r - r
Yj + I Yj - I

b/2
4.4.I-q

For points not on the plane of symmetry (spanwise downwash)

0 r - r 1"'°2 r - r

-L: Yj + 1 Yi - 1 Yj + I Yj - 1
W F (Y ) + L: F (Y. ) 4.4.I-r

b/2 W 1,0 b/2 W 1,0

i=n 1
j=o

The functions Fw (!y;.o I), Fw (Y;,o), and Fw,o are presented in Reference II as Table II, Figure 6, and
Tablelll, respectively, and are expressed mathematically by

FW,o
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Definitions.applying to this method are given as follows (symbolism used for this method is identical with
that of Reference II).

v00 = free-stream velocity.

a = angle of attack in radians.

X,y,Z = standard rectangular Cartesian coordinates with the origin at the SQ..percent-chord point of
the root section.

Xj'Y
j

= standard rectangular Cartesian coordinates of the inboard corners of the horseshoe vortices.

mx

b/2

x = ±
i.o b/2

;;;; ± y
1,0

x-x.o I,D

x: = x

(3b/2

Y

b/2

(= (3: for swept lifting line)

Yi
Yi,o = b/2

=--
b/2

Z

b/2

= variable index used in summation, designating a particular horseshoe vortex. Values of i from 0

to n1 are associated with negative values of Yi and values from 0 to n2 with positive values
of Yi'

m = slope of lifting line (cot\Ac/21)
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value of i at left- and right-hand wing tips of a swept wing, looking from trailing edge to
leading edge.

I'y value of circulation at any spanwise station. If the load distribution is given in terms of the
section lift coefficient, the circulation is determined by the equation

where c is the local chord.

1'0 = circulation at Yj = 0

The suggested method of adjusting the calculated spanwise downwash given by Equation 4.4.I-r is to
translate the curve of calculated spanwise downwash so that the value at the plane of symmetry (Yo = 0) is
made to coincide with that computed by using Equation 4.4.I-q. This approach is iliustrated in the sample
problem on Page 4.4.1-35.

For locations near the wing trailing edge, lifting-line theory does not give adequate answers and a more
precise determination must be made. An exact equation is given in Reference I3 for determining this value,
whIch involves the local angle of attack and the perturbation velocity at the trailing edge.

The effects of vortex-sheet displacement and distortion have not been included in this method, although
this effect may be approximated by the theory of Reference 14. (See Steps I and 2 of Method 2 that
follows.) The displacement of the vortex sheet at the center line is determIned, and it is assumed that this
displacement is constant for all lateral stations. Therefore, the effects of vortex-sheet displacement and
distortion are approximated by calculating a new '0 value to be used in this method. In using the design
charts associated with Method 2, it should be noted that the origin of the spatial coordinates is located at
the wing apex rather than at the SO-percent-chord point of the root section as for this method.

Method 2

Supersonic downwash for straight-tapered wings with supersonic leading edges ({3 cot A L r > I) and
supersonic trailing edges ({3 cot AT E > I) may be computed by means of the charts presented in
Reference 14. (It should be noted that Figures 4.4.1-76a and -76d from Reference 14 have been expanded
somewhat, hased on available test data. In addition, Figure 4.4.1 -76e has been ohtained semiempirieally by
using Figure 4.4.1-76d as a basis and should be applied with caution.) The charts, based on lifting-line
theory. are derived for flat-plate wings and include a correction for the displacement and distortion of the
trJiJing vortex sheet. The lifting line is assumed to be at I\.c/2 for the rectangular and trapezoidal wings and
at A 3 c/.4 for the triangular wings. Near the sonic-leading-edge condition, the lift of a finite-thickness wing is
significantly less than the values for flat-plate wings (see Section 4.1.3.2). The downwash gradient af'/aCY.
may be corrected to account for wing thickness effects as i:jdicated in the procedure below. Table 4.4.I-F
presents a data summary and substantiation. The limited number of test points presented precludes
suhstantiation of this method over other than very limited ranges of plan form and flow parameters.

af'
The derivative - for wings with supersonic leading and trailing edges is obtained by the following
procedure: aa
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Step 1.

Step 2.

Step 3.

Step 4.

Step 5.

For the Mach number under consideration, the coordinates of the point where the
2x 2y 2z

downwash is desired are reduced to the parameters J3b' b' and b measured from an

origin at the apex of the wing (x, y, and z are positive in the conventional sense and refer
to wind axes).

The effects of displacement and distortion of the vortex sheet are accounted for by
determining the displacement of the sheet at the center line and assuming that this
displacement is constant for all lateral stations (see Reference 14). The vertical
displacement 2h/b of the vortex sheet at the center line is obtained from Figure4.4.1-74

2z
(derived from Reference 8). This value is added to the parameter b from Step I to obtain

the effective value of the height parameter relative to the displaced vortex. This effective

parameter is designated (2Z)
b err

2x 2y (2Z~ a€For the values of -, -, and - ,the derivative - is obtained from Figures
J3b b b err aa

4.4.1-76a through 4.4.1-76e, depending upon the appropriate wing planform geometry. This
value is valid for finite-thickness wings except near the sonic-leading-edge condition, where
an additional correction is required.

a€
For near-sonic-leading-edge conditions, the value of aa obtained from Step 3 is multiplied

by the thickness correCtion factor from Figure4.1.3.2-60.

For moderate angles of attack below wing stall, where the nonlinear lift becomes important,
the downwash gradient determined from Step 3 can be approximately corrected by the
equation

where

af
aa

= (CN
,,) 4.1.3.3 (af)

(CN ) aa
Q' 4.1.3.2 step 3

4.4. I-v

is the local normal-foree-curve slope from Paragraph C of Section
4.1.3.3 for the angle of attack under consideration. It
is (CNa)4.1.3.2 corrected for thickness effects.

is the normal-foree-curve slope at zero angle of attack from the
straight-tapered-wing method of Paragraph C of Section 4.1.3.2,
excluding the thickness correction factor of Figure4.1.3.2-60.

is the downwash gradient from Step 3.
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Step 6. The average downwash over the span of a horizontal tail is obtained by computing the
downwash at several spahwise locations and computing an average value.

Step 5 should be used with caution. Nonlinear lift (which is characteristic of low-aspect-ratio
configurations) is caused by strong vortices that generally move inboard with increasing angle of attack and
may have a spanwise spacing comparable to.that of the downstream surfaces.

For those configurations that do not satisfy the supersonic leading- and trailing-edge condition. an
approximation (used in Digital Datcom) for the downwash gradient may be obtained by using Equation
4.4.I-k, i.e.,

f

1.62 C
L

1TA
(radians)

From this equat.ion a relationship is obtained for f as a function of angle of attack. Plotting the curve
from this relationship enables the user to obtain a value for af/a", at a specific angle of attack.
However, this approximation should be used with caution since it has not been substantiated in the
supersonic speed regime.

Method 3

For iow-aspect-ratio or canard configurations the vortex pair from the forward surface interacts more
directly with the aft surface and the following method from Reference3 is applicable.

Step I. The spatial position of the trailing vortices is first determined relative to the aft surface.
The lateral spacing is determined from Figure 4.4.1-80 as a function of the exposed
forward-surface planform geometry. This spacing is invariant with longitudinal distance
and angle of attack. The vertical position is determined by assuming that the vortex
springs from the trailing edge at the previously determined lateral position and trails in
the free-stream direction. The pertinent vertical dimension is the distance between the
quarter-chord point of the MAC of the aft surface and the vortex as determined above.

Step 2. The vortex interference factor Iyw'(W") is obtained from Figures 4.3.1.3-7a through

4.3.1.3-7/. as a funCtion of the lateral and vertical vortex positions, determined in Step I, and
the geometry of the aft panel. (The primed notation refers to the forward panel and the
double-primed notation refers to the aft panel.)

Step 3. The vortex interference factor so determined is used in Sections 4.5.1.1 and 4.5.1.2 to
obtain the lift generated on the aft surface for complete wing-body-tail combinations.

This method is similar to Method 3 for estimating subsc':lic downwash in paragraph A. The use of the
subsonic sample problem on Page 4.4.1-17 as a guide is essential in applying this method.
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Supersonic Dynamic-Pressure Ratio

The dynamic-pressure ratio at supersonic speeds is estimated separately for the nonviscous and viscous flow
regions. The nonviscous now region is approximated by the flow emanating from the wing in the absence of
separation, and bound by shock or expansion waves. The viscous flow region is considered to be the viscou,
wake behind a wing, with attached flow in the vicinity of the trailing edge.

Nonviscous Flow Field

The dynamic-pressure ratio in the nonviscous flow field of a wing is estimated by means of shock-expansion
theory. Application of this technique assumes that the flow field is two-dimensional. For a rectangular
wing, the region outside the influence of the tips is two-dimensional. Therefore, the method applied to
rectangu!",. wings will, in general, predict the experimental trends and even the magnitude of the flow-field
quantities with fair accuracy, except in the region influenced by the tip or in the viscous wake. For some
rectangular wings of high effective aspect ratio (IlA), the greater portion of the flow field can be predicted
reasonably well by shock-expansion theory.

Strictly speaking, this method can not be applied to sweptback wings, since the large portion of the flow
field of such wings will not be two-dimensional. However, the method might furnish a good approximation
to the dynamic-pressure-ratio variations, because the theory does account for the presence of shock and
expansion waves. In Reference 15 the method has been applied to a triangular wing with supersonic leading
edges, and the dynamic-pressure ratio was predicted fairly accurately except in the viscous flow region. No
comparison of calculated results with experimental data has been made for wings with subsonic leading
edges.

The theory as applied herein allows calculation of the dynamic-pressure ratio on an arbitrarily selected
survey plane located downstream from the wing. The geometric relationship between points on this plane
and points on the airfoil from which the disturbance originates is illustrated in Sketch (h). It is assumed that
disturbances emanating from a point on the wing (x '- Z 'plane)

z
/1(X, z)

./' I
/ z

x'

SKETCH (h)

proceed downstream at the theoretical Mach angle p. for surfaces with an initial expansion angle, and at
the shock angle 0 for surfaces with an initial compression angle. It is further assumed that the
dynamic-pressure ratio at some point (x, y) on the survey plane is the same as that at the corresponding
point '(x', y') on the airfoil surface.

4.4. I-31



I. For a given airfoil and now condition detenninc the points (x, y) in the now field at the survey
plane corresponding to the points (x', y') on the airfoil from WhIch the disturbance is assumed to
originate.

By using shock-expansion theory, determine the dynamic-pressure ratio at point (x, y) in the now
field which is assumed to be the same as that at corresponding point lx', y'l.

In applying shock-expansion theory the nows on the upper and lower airfoil surfaces can be treated
separately. The type of now (either expansion or compression) at a given point is governed by the sign of
the now-denection angle at that point.

II the now-denection angle is positive, the now expands isentropically and the characteristics of the now
arc given by Prandll-Meyer expansion relations. If the now quantities are known at one point, the values at
any second point can be calculated by identifying the change in the now angle between the two points.

If the now-denection angle is negative, the now is compressed and the now characteristics are given by
oblique-shack-wave relations. The Datcom presents a design chart showing the variation of shock angle with
now-deflection angle for various upstream Mach numbers. In addition, since now through weak shock
waves is nearly isentropic, compressions through small angles may also be calculated by regarding them as
reversed Prandtl-Meyer expansions.

Although expansion and compression waves proceed at different angles and therefore interact, this
simplified method does in some cases give a good approximation of the dynamic-pressure ratio. The
accuracy of the method deteriorates as the wing thickness and/or distance of the survey plane aft of the
wing increase.

The following steps outline the procedure to be followed for determining the supersonic dynamic-pressure

ratio in the nonviscous now field. The use of the sample problem on Page 4.4.1-41 as a guide is essential in
applying this procedure.

Step I. For a given airfoil and now condition, determine the now-denection angles on the upper
and lower airfoil surfaces at the leading edge.

8 values are the slopes of the

8' = --11··8
LE LE\ower

where the 8' values are the now-deneetion angles and the
airfoil surface with respect to the chord plane x'.

For the lower airfoil surface

For an airfoil at a positive angle of attack the now-deneetion angle at the leading edge is
given by:

For the upper airfoil surface

If 8 I.E is positive the surface has an initial expansion angle. If 8 'LE is negative the
surface has an initial compression angle.
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Step2. Determine the points (x ,z) in the flow field corresponding to the points (x', z') on the
airfoil from which the disturbance is assumed to have originated.

For surfaces with an initial expansion angle

, x sin a
-x + x cos a - ( ,

tan Jl +a,
z = 4.4.I-w

cos a
sin a + _....:....---==-

tan (Jl +a)
where

x' is an arbitrarily chosen point on the airfoil chord plane, positive aft of the leading
edge.

x is the location of the arbitrarily chosen survey plane on the x-axis, positive aft of
the leading edge.

is the Mach angle, Jl =Jl

O! is the angle of attack in degrees.

I
sin- 1--.

Moo

For surfaces with initial compression angles

x sin a
- x '+ x cos a - :----:----:0:

tan (a-O)
z = -------'-'-"'''--'-

. cos a
Sm a+

tan (a - 0)

4.4. I-x

where x', x, and O! are defined above and 0 is the shock-wave angle obtained as a function of
the free-stream Mach number and the flow~eflectionangle from Figure 4.4.1-81.

Equations 4.4.l-w and 4.4. I-x are based on the assumption that the disturbance originates
from a point located on the airfoil chord. Therefore, z' = O.

Step 3. Determine the dynamic-pressure ratio at point (x, z) - which is assumed to be the same as
that at corresponding point (x', z').

For expansion fields (positive flow~eflection angles) the procedure is as follows:

a. Using the Mach number upstream of a point Mn_ 1, enter Figure 4.4.1-82 and
obtain "n _ 1 , the Prandtl-Meyer angle (angle through which the supersonic stream
is turned to expand from M = I to M > I). n refers to an individual point.

b. Determine .o."n, the change in flow~eflection angle between two points. In
expanding from the free stream to a point downstream of the leading edge,
.6.vn = O! - liLE . On the airfoil surface .o."n is simply the change in surface slope
between two points; i.e.,.o."n = lin _ 1 - lin.
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o -0n - I n

n

c. Determine the new PrandH-Meyer angle at point n by V n

d. EnterFigure4.4.l-82 with V n and read Mn.

e. Using Mn-I (upstream Mach number) and Mn (Mach number at point in
question), enter Figure 4.4.1-82 and read the ratio of dynamic pressure to total
pressure q!Pt at the respective Mach numbers. Then

qn (q!p,)n qn-I
=

q~ (q!Pt)n-1 q~

For compression fields (negative Ilow-dellection angles) the procedure is as follows:

The dynamic-pressure ratio following an oblique shock is given by

(I + 0.2 M2 )7/2n-I

M2 5/2
n-I (5+M~_1 sin2 6)

where n refers to an individual point and

is the Mach number upstream of the shock.

4.4.I-y

4.4.I-z

6 is the shock-wave angle obtained as a function of the upstream Mach
number Mn_ 1 and the Ilow-dellection angle 0 'at the point in question.

The Mach number behind an oblique shock is given by

4.4.1-34

1/2
= [M~_ 1 sin

2
6 + 5 ]

7 M2 sin2 6 - In-I
sin (6 + 0')
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where Mn_ 1 , a, and Ii are defined under Equation 4.4.I-z.

At the airfoil trailing edge the flow over both the upper and lower surfaces of the airfoil
returns to nearly free-stream flow. If the Mach number at the trailing edge is greater than
the free-stream Mach number, the flow is compressed through a shock wave aT E

oorresponding to the Mach number at the trailing edge, and the flow-{\eflection angle
Ii' = -0'+ liT E. If the Mach number at the trailing edge is less than the free-stream Mach
number, the flow is expanded through the angle .:l.JIT E = 0' + liT E.

This procedure is best applied by starting with the leading edge. The sample problem on Page 4.4.1-41
illustrates the procedure.

Viscous Flow Field

No known method exists in the literature for estimating the dynamic-pressure ratio in the viscous wake of a
wing at supersonic speeds. Because of the similarity of this part of the flow field to the corresponding
viscous wake at subsonic speeds, it is recommended that the method presented for determining the subsonic
dynamic-pressure ratio in Paragraph A be applied at supersonic Mach numbers. In using this method the
appropriate value of CD

O
must be obtained from Paragraph C of Section 4.1.5.1.

It should be noted that the x- and z-{\istances used in this method are measured from different origins from
those used in the method for the nonviscous flow field. In this method x is measured from the wing-root
trailing edge and z is measured from the wake center line.

Mach Number Effects

No explicit method is presented in the Datcom for determining the Mach number field about an airfoil.
However Reference 16 explains and illustrates a calculation process. Compressibility tables such as those of
Reference 17 can be of great help in estimating compressible-flow properties.

Sample Problems

I. Supersonic Downwash (Method I)

Given:

The sample problem presented in Reference II. The calculation procedure is illustrated by showing
calculations for one Mach number and two points in the flow field, one in the plane of
symmetry (Yo = 0) and one outside the plane of symmetry at Yo = O. I5. The points for which the
downwash calculations are given are both located at longitudinal position Xo = 2.2 and vertical
position Zo = O.
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A'/2 = A = 330
lifting
line

A = 0.565A = 3.57

mo = cot ALE = 1.244

~b/2~
cot A'/2 1.54m = =

M = 1.64; Ii = 1.30

The following span-load distribution from Reference 12 at a constant angle of attack as f(A, A, M,
ALE)·

1.0

.8

.6
r

VOl b/2
.4

.2

0
0

y

b/2

Compute: Plane of Symmetry

Determine the downwash gradient in the plane of symmetry (Yo = 0) at Zo = 0, Xo = 2.2.

-w

i''''o

(Equation 4.4.1-<\)

(see calculation table below)
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Solution: Plane of Symmetry

il€
-=aa

w
(Equation 4.4.I-p)

(I) (i) @ (') @ 0 0)

~ F. f1Y,.1lYi,o va-biz rYi+I-I'Yi-1 Fw,o d.
Span wise Circulation Yab/2 From Equation From Equation - ~

location of 5tren~th at Incremental 4.4.1-5 or 4.4.1-uor da

trailiny; Yi,<> circulation Table II of Table III of r.
vortices (f;iven) strength Reference II 0x0 Reference 11 n® + 0 Yab/ 2

0 0.868 0 0.144686 -0.11184

0.05 0.890 0.043 -1.553695 -0.0668089

0.10 0.911 0.034 -0.756150 -0.0257091

0.15 0.924 0.023 -0.489023 -0.0112475

0.20 0.934 0.018 -0.354408 -0.0063793

0.25 0.942 0.020 -0.272706 -0.0054541

0.30 0.954 0.018 -0.217364 -0.0039126

0.35 0.960 0.012 -0.176978 -0.0021237

0.40 0.966 0.010 -0.145812 -0.0014581

0,45 0.970 0.003 -0.120639 -0.0003619

0.50 0.969 -0.002 -0.099455 +0.0001989

0.55 0.968 -0.012 -0.080882 0.0009706

0.60 0.957 -0.018 -0.063801 0.0011484

0.65 0.950 -0.020 -0.046973 0.0009395

0.70 0.937 -0.048 -0.027827 0.0013357

0.75 0.902 -0.075 0 0

0.80 0.862 -0.102 0 0

0.85 O.BOO -0.179 0 0

0.90 0.682 -0.345 0 0

0.95 0.455 -0.683 0 0

1.00 0 -0.455 0 0

1: - - 0.1188621

Compute: Outside the Plane of Symmetry

Detennine the downwash gradient outside the plane of symmetry at Yo = 0.15, Zo = 0, X
o

= 2.2

0 I' -I' ~ I' -I'

-L YI + 1 Yj - 1
(Yi,o)+L YI + 1 YI - 1

(Y
I

) (Equation4.4.I-r)-w = F. F.b/2 b/2 ,0

i-n1 Po (see calculation table below)
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.j>.

~,w
00 CD @ CD G) (i' 6' (9' '" iii

Yi,o Xi =
Fw(Yi,o) )'i,o F.n,,,)

Spanwise From rYi+l + rYi-l Span wise From
location of y. ~ ~+& Equation Vab/2 location of Yi ,,, = Equation'.'

trailiol; Yo - }l,o ~m 13m 4.4.},· t Incremental trailing )'0 - )'i,o 4.4.1.·\ ",
CD

- ~

vortices = 0.15 -CD or F'lg. 6 circulation vortIces = 0.15 -1:' or Fig. 6 a"
(L.H. panel) (L.H. panel)

~U+2 orne£' 1 1 strength CDxG (R.H. panel) (R.H. panel) ofRer. I I 0.> X 9' ~I? -~'6

-1.0 US 0.6 0 -0.455 0 1.0 -O.RS 0 0 0.00:\

-0.95 UO 0.625 0 -0.683 0 0.9,') -0.80 0 0

-0.90 LOS 0.650 0 -0.345 0 0.90 -0.75 0 0

-0.85 1.00 0.675 0 -0.179 0 0.85 -0.70 0 0

-0.80 0.95 0.700 0 -0.102 0 0.80 -0.65 -0.045 O.OQ4590,
-0.75 0.90 0.725 0 -0.075 0 0.75 -0.60 -0.074 0.005550

-0.70 0.85 0.750 0 -0.048 0 0.70 -0.55 -0.098 0.004704

-0.65 0.80 0.775 0 -0.020 0 0.6S -0.50 -0.118 0.002360

-0.60 0.75 0.800 0.036 -0.018 -0.000648 0.60 -0.45 -0.146 0.002628

-0.55 0.70 0.825 0.060 -0.012 -0.000720 0.55 -0.40 -0.173 0.002076

-0.50 0.65 0.850 0078 -0.002 -0.000156 0.50
I·

-0.35 -,-0.207 0.000--1-14

-0.45 0.60 0.875 0.097 0.003 0.000291 0.45 -O.3D -0:248 -0.000744

-0.40 0.55 0.900 0.114 O.OlG 0.001140 0.-1-0 -0.25 -0.307 -0.003070

-0.35 0.50 0.925 0.133 0.012 0.001596 0.35 -0.20 -0.388 -0.004656

-0.30 0.45 0.950 0.156 0.018 0.002808 0.:10 -0.15 -0.523 -0.009414

-0.25 0.40 0.975 0.181 0.020 0.003620 0.25 -0.10 -0.79.3 -0.015860

-0.20 0.35 1.000 0.213 0.018 0.003834 0.20 -0.05 -1.590 -0.028620

-0.15 0.30 1.025 0.254 0.023 0.005842 0.15 0,
-0.10 0.25 1.050 0.312 0.034 0.010608 0.10 0.05 1.591 O.0540Sl4

-0.05 0.20 1.075 0.391 0.043 0.016813 0.05 0.10 0.794 0.034142

0 0.15 UOO 0.526 0 0 () 0.15 0.526 0

C/O

£.
:=.

"'I'" COR ~

"
" 0

"-~.
8:1 ~

0.

'"-""'"
~ :s!

'"'" ".c
'"" 0'" ....,o'
C/O" '<... 3:". 3
'"-0 -~'<

2: = 0.04503 !: = 0.04819
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Additional r""i1ts arc presented in Reference 11 for the variation of a,/aa in the plane of symmetry with
~lach number .rnd longitudinaf position. These results are shown in Sketch (i).

SKETCH (i) 0 Exact value at trailing edge
(Calculated with the exact
expression for trailing-edge
downwash from Ref. 12.)

-- - Extrapolated curve
Method I results

The inaccuracies in Method I near the trailing edge are not too apparent except for the M = 2.19 curve.
As was pointed out previously (Page 4A.I-28), these inaccuracies may be minimized by determining the
exact value at the trailing edge.

Translated values V ~

0 Calculated using swept vortex v/equation ofRef. I I

I
,---

I VI ./
i l,., ........-:. ./-~J---

! ...---P ,/

_V",/

V/
~

/'
~, .--- I

o 7
/

.",-/ .2
Yo

.3 A .5

/ I I I,
Calculated (Eq.4A.I-r) ~

// <> Sample problem calculation
(Eq.4A.I-q at Yo =0, Zo =0, Xo = 2.2)

/ D. Sample problem calculation
(Eq. 4.4.I-r at y =0.15, z =0 x = 2 2)o 0' 0 •

.2

-.2

o

Additional results from Reference II for the spanwise variation of downwash are shown in SketchU). The
spanwise variation of downwash at Xo = 2.2 and Zo = 0, calculated by Equation4A.l-r, is shown by the
solid curve. This curve is then translated so that the value at Yo = 0 coincides with that calculated using
Equation 4A.I-q. The translated values shown by the dashed curve agree reasonably well with values
calculated by the more exact method. which uses the swept vortex equation of Reference II.

A

SKETCH (j)
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2. Supersonic Downwash (Method 2)

Given: A rectangular wing.

Wing Characteristics:

A = 2.31 b = 10.0 ft A = 1.0 c = 4.33 ft

Coordinates of Quarter'(:hord of Tail MAC:

x = 15.0 ft y = 1.50 ft z = 1.0 ft

Additional Characteristics:

M = 2.0; {3 = 1.732 Ct = 40 = 0.07 rad

z

WING

y

QUARTER-CHORD OF THE
HORIZONTAL- TAIL MAC TAIL

(x.y. z)

Compute:

2x (2) (15)
= = 1.73

{3b (1.732) (10)

2y
=

(2) (1.5)
= 0.30

b 10

2z (2) (I)
= = 0.20

b 10

{3A = (1.732) (2.31) = 4.0

2h
-- = 0.64 (Figure4.4.1-74d)
Ct{3b
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= 0.20 + (0.64) (0.07) (1.732)

= 0.28

Solution:

de [2X (2Z) 2y J- is obtained from Figure 4.4.1-76 as f -, - , - , ~A
dO! ~ berrb

de

dO!
= 0.270

3. Supersonic Dynamic-Pressure Ratio

Given: The rectangular wing of Reference 15

Wing Characteristics:

A = 2.0 bw = 8.0 in.

Sw = S,er = 32.0 in.

c, = c = 4.0 in.

Additional Characteristics:

Moo = 2.46; ~ = 2.25 R1 = 1.04 x 106 (based on c)

Smooth surface (assume k = 0) Survey plane at x = 6.4 in.

CL = 0.159 (test value)

Symmetrical airfoil with following characteristics:

•
x (surface slope)

Point (in.) Ideg)

lILE) 0 5.1

2 0.80 3.4

3 1.60 1.0

4 2.40 --0.5

5 3.20 -1.7

6ITE) 4.00 -2.6

3-----
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----- SURVEY PLANE
z'

z

WAKE
CENTER LINE

=V~~~~~7r~~~~S~~~~~~~~-~~§~O'E~~x~'- x
AXES ORIGIN

CHORD LINE

Outside Wake Portion (nonviscous flow field)

Compute:

Determine the flow-deflection angles at the leading edge.

Upper surface

~~E = O! - ~LE = 60 - 5.1 0 = 0.90 (expansion)
upper

Lower surface

~~E = -O!-~LE = _60 - 5.1 0 = -11.1 0 (compression)
lower

Determine the values of z on the survey plane (located at x = 6.4 in. from the airfoil leading edge)
corresponding to x' values of 0, 0.8, 1.6, 2.4, 3.2, and 4.0 (points I - 6).

Upper surface (initial expansion angle)

I
sin- 1 -

M~

1

2.46

z

, x sinO'
- x + x cos O! - ---.,---.,

tan (/1 +O!)

COSO'
(Equation 4.4.I-w)

4.4.1-42



, (6.4) sin 6°
-x + (6.4) cos 6° - ° °

tan (24 + 6 )
= --------c°-s-6~0::----'-

sin 6° + ---,:~.:.-~
tan (240 + 60)

= 0.5473 x' + 2.85

-x '(6.4) (0.9945) _ (6.4) (0.1045)
0.5774

= ------"':"0"':".9"':"94-:-5~.:...:---

0.1045 + 0.5774

x'
,,

bw/2(in.) (in.)

LE 0 2.850 0.713

0.8 2.412 0.603

1.6 1.974 0.494

2.4 1.536 0.384

3.2 1.098 0.275

TE 4.0 0.660 0.165
--

Lower surface (initial compression angle)

IJ = 33.50 (Figure4.4,1-81 at Moo = 2.46 and 6' =-11.1°)

, x sin a
-x + x cos a - "7'"""-;---;;-

z = t-'-a_n....:(_a_-_IJ:..}
cos a

sin a +
tan (a - IJ)

(Equation 4.4. I-x)

, ° (6.4) sin 6°
-x + (6.4) cos 6 - tan (60 _ 33.50)

=
cos 6°

sin 6° + --::.,0.::"":"--:-:
tan (60 - 33.50)

= 0.554 x' - 4.236

_ '+ (64) (09945) _ (6.4) (0.1045)
x .. -0.5206

= -------0-.9-9:-4-5-=~::..--

0.1045 + 5 0-0. 2 6

x'
,

~
,

bw/2(in.) (in.)

LE 0 -4.236 -1.059

0.8 -3.793 -0.948

1.6 -3.350 -0.838

2.4 -2.906 -0.727

3.2 -2.463 -0.616

TE 4.0 -2.020 -0.505



Detennine q/q~ at points (x,z) on the survey plane corresponding to points (x',z') on the airfoil.

Upper surface

Point I (x' = 0)

M~ = 2.46

tlv1 = Q!- o( = 60 - 5.1 0 = 0.90 (expansion)

V~ = 38.20 (Figure 4.4.1-82 at M~)

MI = 2.50 (Figure 4.4. 1-82 at vI)

(q/Pt)~ = 0.264 (Figure 4.4. 1-82 at M~)

(q/Pt)1 = 0.256 (Figure4.4.1-82 at MI )

ql /q~ = (q/Pt)/(q/Pt)"" = 0.256/0.264 = 0.970

Point 2 (x' = 0.8 in.)

o 0 0 .
tlv2 = °1 - 02 = 5.1 - 3.4 = 1.7 (expansIOn)

M2 = 2.57 (Figure 4.4.1-82 at v
2

)

qn (q/Pt)n qn-l
= (Equation 4.4.I-y)

q~ (q/Pt)n_1 ~

q2 (q/Pt)2 ql
~:~:~ (0.970) = 0.921-= -

qoo (q/Pt)I qoo
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Point 3 (x' ~ 1.6 in.)

.!lv
3

~ 8
2

- 8
3

~ 3.40 - 1.00 ~ 2.40 (expansion)

M
3

~ 2.68 (Figure 4.4.1-82 at v3 )

q~ ~ ~:~~~ (0.921) ~ 0.845 (Equation 4.4.I-y)

Point 4 (x' ~ 2.4 in.)

M
4

~ 2.75 (Figure 4.4. 1-82 at v4 )

0.211
(0.845) ~ 0.800

0.223
(Equation 4.4.I-y)

Point 5 (x' ~ 3.2 in.)

Ms ~ 2.81 (Figure 4.4. 1-82 at vs )

(q/Pt)s ~ 0.201 (Figure 4.4.1-82 at Ms )

0.201
-0'- (0.800) ~ 0.762

.211
(Equation 4.4.I-y)
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Pnint()(x':::: ...J..Oin.)

..>v" = 05 06 =-1.7° (2.6") = 0.90 (expansion)

\1 6 = 2.85 (Figure4.4.1-X2 at v
6

)

(q/P')6

(q/P,\ q~

0.194
-- (0.76::') = 0.735
0.::'01

(Equation 4.4.I-y)

Return to free-stream flow at TE (x = 4.0 in.)

Since M6 > M~, the flow is compressed by turning through an oblique shock at the
upper surface trailing edge.

0' = 0'+ Ow = _6° + (2.6°) =-8.6°

o = 27. 20 (Figure 4.4, 1-81 at M6 = 2.85 and 0'

0+0 = 27.2° - 8.6° = 18.6°

-8.6°)

M
n

= [ M~ 1 sin
2

0 + 5 ] 112

7M 2 sin 2 0-1n-1

I
(Equation 4.4.I-aa)

sin (0 + 0')

sin (0 + I>')

[

(2.85)2 (sin2 27.2°) + 5 ]

7(2.85)2 (sin 2 27.2°) - I sin( 18.60)
;;; 2.46

4.4.1-46

60

M2
n-l

(I + 0.2 M~_I )'12

( )
512

5 + M~_I sin 2 0

(Eq uation 4.4.I-z)



Lower surface

60

M~

(1 + 0.2 M~ )'/2 = 60

(5 + M~ sin2 8) 5/2 (2.85)2

60
=

(2.85)2

(1.86) (0.735) = 1.367
qoo

~I + 0.2(2.85)2]7/2

[5 + (2.85)2 (Sin2 27.2)1
5
/
2

29.28
li6.O = 1.86

Point I (x' = 0)

8 = 33.5° (Figure 4.4.1-81 at Moo = 2.46 and 0' = - 11.1 0)

=
60

M2
n-I

(1 + 0.2 M~_J/2

( )
5/2

5 + M2 sin2 8·n-I

(Equation 4.4.1-z)

(
2 )7/21 + 0.2 Moo

( )
5/2

5 + M~ sin2 8

60
=

(2.46)2

60=
(2.46)2

16.06
..:.=..:.:..::.- - 1.300
122.5

[ ]U'M~_I sin2 8 + 5 1
Mn = (Equation 4.4.1-aa)

7 M2 sin2 8 - 1 sin (8 + 0')
n-I

[ r~ sin2 8 + 5 1
MI =

7 M2 sin2 8 - 1 sin (8 + 0')
00

= [(2.46)2 (sin2 33.50) + 5 ]1/2 -:..1 _

7(2.46)2 (sin2 33.5°)- 1 sin [33.5°+(-11.1°)]

= (0.758)(2.621) = 1.987

VI = 26.0° (Figure 4.4.1-82 at MI )
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('1/1")1 ~ 0.360 (Figure 4.4.1-82 at M1)

Point 2 (x' ~ 0.8 in.)

Av
2

~ 6
1

- 6
2

~ 5.1 0 - 3.40 ~ 1.7 0 (expansion)

M1 ~ 2.05 (Figure 4.4.1-82 at "2)

('1/1")2 ~ 0.348 (Figure 4.4.1-82 at M2)

'h ('1/1")2 '11
~

('1/1")1'100 '100

Point 3 (x' ~ 1.6 in.)

~~~:~ (1.300) 1.256 (Equation 4.4.I-y)

M) ~ 2.14 (Figure4.4.1-82at"3)

0.329
( 1256) 1.187 (Equation 4.4.I-y)

0.348 .

Point 4 (x' ~ 2.4 in.)

M4 ~ 2.20 (Figure 4.4.1-82 at "4)

('1/1")4 ~ 0.317 (Figure 4.4.1-82 at M4)
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qs 0.300
- = --(1.109) = 1.080 (Equation4.4.I-y)
qoo 0.308

Point 5 (x' = 3.2 in.)

Ms = 2.24 (Figure 4.4.1-82 at "s)

(q/pt)s = 0.308 (Figure 4.4.1-82 at Ms )

qs q/Pt)S '4 0.308
- - -= --(1.141) = 1.109 (Equation4.4.I-y)
'100 (q/p, 4 '100 0.317

Point 6 (x' = 4.0 in.)

M6 = 2.28 (Figure 4.4.1-82 at "6)

(q/Pt)6 = 0.300 (Figure4.4.1-82atM6)

~ (q/p, 6
--
qoo q/p, s

Return to free-stream flow at TE (x = 4.0 in.)

Since M6 < Moo. the flow is expanded at the lower surface trailing edge

M7 = 2.41 (Figure 4.4.1-82 at "7)

(qfpth = 0.274 (Figure 4.4.1-82 at M7)

q7 (q/Pt)7 ~ 0.274
- = - = -- (1.080) = 0.986 (Equation 4.4.I-y)
qoo (q/Pt)6 qoo 0.300
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I Ill' rl'sults for q/Llcx> calculated ahove for tht' nonviscous !low field are compared with test data in Figurl'
4.-1-.1-1'<3. A summary of tht' above calculations is presenteJ In the following table.

CD ® ® @ ®

I
"" ....:J..::J ( qlp,l

@o-I
0

• ( q/p,) ....'L
, x , , -@ ® +®o~, 0-1 q",--

Surface Point (in.) 'W2 tdeg) Id09I (des) @I®n-l ® @O-I

Upper 00

I 0 0.713 38.2 2.46 0.264 1.0
1(LE) 0 0.713 5.1 0.9 39.1 2.50 0.256 0.970 0.970
2 0.8 0.603 3.4 1.7 40.8 2.57 0.243 0.949 0.921
3 1.6 0.494 1.0 2.4 43.2 2.68 0.223 0.918 0.845
4 2.4 0.384 -0.5 1.5 44.7 2.75 0.211 0.946 0.800
5 3.2 0.275 -1.7 1.2 45.9 2.81 0.201 0.953 0.762
6(TE) 4.0 0.165 -2.6 0.9 46.8 2.85 0.194 0.965 0.135
7 40 0.165 -8.6 2.46 1.361

Lower 00 0 --1.059 2.46 1.0
l(LE) 0 --1.059 5.1 26.0 1.981 0.360 1.300
L 0.8 -0.948 3.4 1.7 21.1 2.05 0.348 0.966 1.256
3 1.6 ··0.838 1.0 2.4 30.1 2.14 0.329 0.946 1.181
4 2.4 -0.721 -0.5 1.5 31.6 2.20 0.311 0.963 1.141
5 3.2 -0.616 -1.1 1.2 32.8 2.24 0.308 0.912 1.109
fl(TE) 4.0 --0.505 -2.6 0.9 33.1 2.28 0.300 0.914 1.080
7 4.0 -0.505 3.4 31.1 2.41 0.214 0.913 0.986

Inside-Wake Portion (viscous flow field)

Compute:

Determine the half-width of the viscous wake at the survey plane.

Skin-friction drag coefficient

t/k = 00; read Cf at give R1

C
f

= 0.00305

Wave-drag coefficient

(Figure 4.1.5 .1-26)

2.25 cot (0) > I; leading edge is supersonic

K = 16/3 (Table,Page4.J.5.1-16)

K (t)2 SbwCD = - - -- (Equation 4.1.5.I-k)
w f3 C eff Sref
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16 2 32.0 _
(0.05) 32.03(2.25)

Zero-lift drag coefficient

0.00593

0.00305 + 0.00593

= 0.00898

x

c

6.4 - 4.0

4.0
= 0.60 (x measured from wing-root-chord trailing edge)

Zw
-=
c

0.68 (Equation 4.4.1-j)

0.68 V 0.00898 (0.60 + 0.15)

= 0.0558

Zw = (0.0558) (c) (0.0558) (4) = 0.223 in.

Determine the downwash in the plane of symmetry at the vortex sheet (wake center line).

E =
1.62 CL

rrA
(Equation 4.4.I-k)

(1.62) (0.159)
=

rr 2.0

= 0.041 rad = 2.35 deg

Calculate the vertical location, measured from the x-axis, of the intersection of the wake center line
and the survey plane.

Distance of origin 0 below x-axis = -[4 sinO! + (6.4 - 3.97) sin E) = - 0.518 in. In determin
ing the dynamic-pressure ratio in the viscous region, this location is taken as the origin of the
vertical distance from the wake center line to the points of interest on the survey plane.
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1.-----6.4 in.-----i
SURVEY PLANE

0.518 in.

4.0jn~

3.97 in.----.,
o E

WAKE
CENTER LINE

The points in the viscous wake at which the dynamic-pressure ratios are to be calculated arc arbitrarily
selected. For this example the following points are selected:

l£: wake cen ter lint'

z = ±0.08 within the wake

I Z = ±0.16 within the wake

Z = ±0.223 at the edges of the wake
----- ,-_._-,..

Determine the dynamic-pressure-Ioss ratio at the wake center.

2.42 (CD) 1/2

(~q)o = --x-_O_-

=- + 0.30
c

(Equation 4.4.I-m)

(2.42) (0.00898)1/2

0.60 + 0.30
= 0.255

Determine the dynamic-pressure-loss ratio for points not on the wake center line.

(Equation 4.4.I-n)

= 0.255 cos2(; z:) (see calculation table below)

Solution: Viscous flow field
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I
I

{in,)

(measured from

origin 0)

0.223

0.160

- 0.080

o

0.080

0.160

0.223

'W

(i) 10.223

~- 1.0

- 0.117

- 0.359

o

0.359

0.117

1.0

" ,
2 'w

(rad)

~1f/2

-1.121

-0.564

o

0.564

1.121

.12

-~~--

llr.q/q I

(Eq. 4.4.1-01

0.255 cos2 ®

o

0.041

0.182

0.255

0.182

0.047

o

Q/"",

(Eq.4.4.1-o1
1@

1.00

0.953

0.818

0.745

0.818

0.953

1.00

The calculated results for both the nonviscous and viscous flow fields are compared with test data in Figure
z

4.4.1 -83. The results are plotted as a function of --, where z is measured from the x-axis. The wake
z -0.518 bw /2

center is at -- = = -0 1295.bw /2 4.0 .
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TABLE 4.4.1-A

SUBSONIC DOWNWASH GRADIENT BEHIND STRAIGHT·TAPERED WINGS
METHOD 1

DATA SUMMARY AND SUBSTANTIATION

IDoll

A bH 2'H 2hH
of/oa Average

0/4 Calc. a~/aa Error
Ref. A A (deg) b -b- b (0: "" 0) Te" (deg)

18 4.00 1.00 40.0 0.50 1.00 0.18 0.518 0.400 0.8

j I I I 1.50 j 0.491 0.335 0.6

2,50 1.00 40.0 0.80 1.60 0.29 0.619 0.520 1.0

j 2.40 I 0.600 0.465 1.0

0.50 ,.,50 0.600 0.440 1.8

j 0.03 0.720 0.510 1.0

2.30 0.29 0.583 0.360 2.1

I 0.03 0.695 0.400 0.8

3.00 1.625 37.5 0.50 1.36 0.43 0.465 0.300 0.9

j 0.21 0.550 0.400 0.6

0.03 0.620 0.420 0.7

1.91 0.43 0.451 0.270 0.7

, j 0.22 0.528 0.320 1.1

0.04 0.596 0.400 0.3

19 2.00 0 56.5 0.378 1.64 0 0.730 0.710 1.0

I I 1 j j 1.96 j 0.686 0.660 0.5

2.28 0.658 0.630 0.7

20 2.31 0 52.4 0.316 1.73 0.870 0.363 0.330 0.6

1 j j j J j 0.290 0.586 0.570 0.1

-0.060 0.657 0.720 0.6

21 2.88 0.625 50.0 0.48 1.229 0.504 0.446 0.390 0.7

j j j j j J
0.196 0.554 0.500 0.8

-,·0.074 0.588 0.500 4.3

22 8.0 0.45 45.0 0.282 0.785 -0.060 0.317 0.375 1.3

j j j J j j 0.140 0.310 0.310 2.4

0.300 0.284 0.238 1.9

23 4.00 0.625 3.4 0.50 1.66 -0.177 0.472 0.390 2.5

j J j I j I 0.177 0.558 0.490 2.1

0.400 0.472 0.380 1.0

24 2.50 0.625 5.3 0.50 1.63 -0.177 0.839 0.600 3.9

j 0.177 0.831 0.600 2.2

0.400 0.646 0.550 1.0

2.44 0.177 0.730 0.600 0.8

I 0.400 0.620 0.440 2.7
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TABLE 4.4.1·A (CONTO)

IAel

A c/ 4 b H 2'H 2hH
3'l/ao. Average
Calc. aE/30. Error

Ref. A A Ideg) b b b (0.=0) Test (degl

25 2.30 0.25 36.8 0.35 1.37 0 0.800 0.770 0.3

j I I I 1
0.223 0.720 0.645 0.4

0.450 0.614 0.500 0.5

3.00 0.14 36.8 0.30 1.17 0.200 0.663 0.615 0.3

.I j 1 1
0.78 0.388 0.840 0.560 1.2

! 0.200 0.786 0.660 0.7

26 8.00 0.45 45.0 0.28 0.767 0.300 0.285 0.310 2.1

1 1 1 1 1 1
0.140 0.308 0.285 4.3

-0.060 0.516 0.320 1.7

27 2.84 0.616 50.0 0.48 1.229 0.442 0.453 0.380 1.9

1 1 1 j 1 1
0.136 0.570 0.500 2.1

-0.132 0.580 0.500 3.1

28 4.00 0.625 40.0 0.40 1.018 -0.060 0.520 0.500 3.8

1 1 1 I 1 1
0.160 0.525 0.500 3.7

0.420 0.443 0.410 4.0

29 3.94 0.625 40.0 0.40 1.033 -0.011 0.512 0.475 1.7

1 1 j j I j 0.211 0.560 0.400 2.0

0.339 0.525 0.410 2.2

30 4.00 0 36.9 0.52 1.275 0 0.640 0.560 0.3

j I j j I j 0.360 0.551 0.430 1.3

31 2.00 0.33 36.9 0.78 1.95 0 1.034 0.760 1.4

I I I j 0.67 ! 0.537 0.727 0.510 0.5 I
32 2.00 0 56.3 0.74 1.80 0 0.870 0.660 0.7 I
1 1 t 1

0.63

1
0.254 0.635 0.660 0.7

! 0.506
I

0.500 0.500 0.7

33 5.10 0.383 45.0 0.366 0.928 0.382 0.379 0.331 0.2

I j I I ! ! -0.053 0.455 0.437 2.8

6.00 0.313 0.328 0.800 0.343 0.353 0.312 0.7 I
I I I I -0.048 0.355 0.410 1.6 ,

Average l.Ae! = 1.45
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TABLE 4.4,1-B

SUBSONIC DOWNWASH GRADIENT BEHIND STRAIGHT-TAPERED WINGS
METHOD ')

DATA SUMMARY AND SUBSTANTIATION

I "cJ4

bH ~ 2h H I e-- -- -- aaaCi ai/dO: Percent
Ref

i
A , (deg) b b b Calc. Test i Enor

18 4.00 1.00 40.0 0.50 1.00 0.18 0.386 0.400 I 3.5

I j j j 1.50 I 0.326
I

0.335 , V

2.50 1.00 40.0 0.80 1.60 0.29 0.439 0.520 -15.6
I

I I,

j
, 2.40 0.377 0.465 -18.9

!
0.50 1,50 0.451 0.440 2.5

I 0.03 0.537 0.510 5.3

j 2.30 0.29 0.382 0.360 61

I 0.03 0.451 0.400 12.8

3.00 1.625 37.5 0.50 1.36 0.43 0.263 0.300 -12.3
,

I

j 0.21 0.338
!

0.400 -15.5

0.03 0.377 0.420 -10.2

1.91 0.43 0.229 0.270 -15.2

j 0.22 0.266 0.320 -16.9

0.04 0.297 0.400 -25.8

-19 2.00 0 56.5 0.378 1.64 0 0.790 0.710 11.3

j I j I l 1.96

j
0.737 0.660 11.7

2.28 0.693 0.630 10.0

20 2.31 0 52.4 0.316 1.73 0.870 0.377 0.330 12.5

1 I j j I j 0.290 0.595 0.570 4.4

-0.060 0.702 0.720 - 2.5

21 2.88 0.625 50.0 0.48 1.229 0.504 0.400 0.390 2.6

j j
J j I j 0.196 0.497 0.500 - 0.6

-0.074 0,539 0.500 7.8

22 8.0 0.45 45.0 0.282 0.785 -0.060 0.324 0.375 -13.6

I I l I j I 0.140 0.310 0.310 0

0.300 0.275 0.238 15.5,
I23 4.00 0.625 3.4 0.50 1.66 -0.177 0.446 0.390 143

j 1 I I l I 0.177 0.446 0,490 , - 9.0

0.400 0.382 0.380 05

24 2.50 0.625 S.3 0.50 ·1.63 -0,177 0.664
,

0.600 10.7

I 0.177 0.664 0.600 10.7

0.400 0.566 0.550 2.9

2.44 0_177 0.559 0.600 - 6.8 II I I I I I 04°0 QAS2. _ 0.44Q 9.5
-~ -_.- --_. -'- .. - - - -
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TABLE 4.4 .1'B (CONTO)

T

I! bH 21" 2h Hi 0
!\c/4 - - -- a"aCl' a;;aCl' Percent

Rof A , Ideg) b , b b Calc. Test Error

75 2.30 0.25 368 0.35 1.37 0 0.875 0.770 '3.6

I j I ! I j 0.223 0.764 0.645 18.4

j i
. j 0.450 0.648 0.500 29.6

3.00 0.14 36.8 0.30 1.17 0.200 0.693 0.615 12.7

j j i j
0.78 0.388 0.710 0.560 26.8

j ! , I 0.200 0.8'3 0.660 23.2

26 8.00 0.45 45.0 0.28 0.767 0.300 0.280 0.310 - 9.7

I I j I j I 0.140 0.313 0.285 9.8, -0.060 0.329 0.320 2.8

77 2.84 0.616 50.0 0.48 1.229 0.442 0.417 0.380 9.7

I I I I I I 0.136 0.515 0.500 3.0

-0.132 0.515 0.500 3.0

28 4.00 0.625 40.0 0.40 1.018 -0.060 0.497 0.500 - 0.6
!

I I l I I 0.'60 0.470 0.500 - 6.0

I 0.420 0.389 0.410 - 5.1

29 3.94 0.625 40.0 0.40 1.033 -0.011 0.526 0.475 10.7

j I J
I I j 0.211 0.463 0.400 15.8

I 0.339 0.429 0.410 4.6

30 4.00 0 36.9 0.52 1.275 0 0.622 0.560 11.1

I I j I I j 0.360 0.488 0.430 13.5

3' 2.00 0.33 36.9 0.78 1.95 0 0.804 0.760 5.8

I I I I 0.67 I 0.537 0.559 0.510 9.6

32 2.00 0 56.3 0.74 1.80 0 0.764 0.660 13.0

I I j j
0.63 I 0.254 0.648 0.660 - 1.8

I 0.506 0.539 0.500 7.8

33 5.10 0.383 45.0 0.366 0.928 0.382 0.335 0.331 7.3

I j

1

I j -0.053 0.439 0.437 0.5

6.00 0.313 0.328 0.800 0.343 0.346 0.312 10.9

I I I I -0.048 0.417 0.410 1.7

~ I 0 I
Average Error = --- = 9.7%

I n
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TABLE 4.4.1·(.;
SUBSONIC CHANGE IN DOWNWASH ANGLE DUE TO SLOTTED·FLAP DEFLECTION

DATA SUMMARY AND SUBSTANTIATION

- --- - --- -----,- ,----- - -- ----~._-_.. - --

'\c/4 h H 'IRef. A b1/b - <lC L Cl.fca1c . Cl.f test Cl.f test - Cl.fca1c .
(deg) h/2 Ideg)

- -- -_._-- -- --- _._-- I-- --- f ... 1---- ---- f-- ----- --

31 2.0 36.9 0.809 a 0.57 40 9.93 8.8 -1.13

~ 2.0 45.0 0.778 a 0.55 40 9.97 8.7 -1.27

33 5.1 45.4 0.288 0.382 0.44 40 3.55 2.5 -1.05

I 5.1 45.4 0.288 ~0.053 0.42 40 9.49 6.5 -3.0

6.0 45.4 0.35 0.343 0.55 40 3.30 3.3 a

6.0 45.4 0.35 --0.048 0.57 40 8.88 5.5 -3.38
I
I 34 4.0 .36.9 0.539 a 0.61 40 7.98 8.4 0.42
I

Unpub. data 6.8 35.0 0.524 0.0862 1.01 50 6.22 3.6 -2.62
I

6.8 35.0 0.524 0.0862 0.63 25 3.88 2.3 -1.58

8.5 24.0 0.547 0.466 1.23 50 2.80 2.8 a

8.7 24.5 0.522 0.441 1.08 50 2.59 3.3 0.71

I 7.0 30.6 0.475 0.093 0.84 50 5.46 5.3 -0.16

7.5 30.6 0.456 0.089 0.84 50 5.34 6.0 0.66

7.8 -0.5 0.467 0.071 0.96 40 6.06 4.9 -1.16

6.2 2.7 0.403 0.157 0.67 40 4.88 5.1 0.22

9.4 2.0 0.503 0.085 0.62 30 2.89 2.9 0.01

9.4 2.0 0.503 0.088 1.16 50 5.35 4.9 -0.45

12.1 --D.6 0.517 0.033 0.73 25 2.88 3.2 0.32

12.1 -0.6 0.517 0.033 1.50 50 5.92 6.3 0.38

6.25 2.0 0.529 0.28 0.39 20 1.66 2.2 0.54

6.25 2.0 0.529 0.28 0.71 40 3.03 4.0 0.97
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TABLE 4.4.1-0
SUBSONIC CHANGE IN DOWNWASH ANGLE DUE TO PLANE FLAP DEFLECTION

DATA SUMMARY AND SUBSTANTIATION

r---- --
A C/ 4

h H "I ReI. A
(deg)

b,lb l>C L ldeg) af ca1c. af test at'test - afca1c.

~---
b/2

I 23 4_0 3.4 0.393 0.40 0_33 50 1.89 3.0 1.11

1 1 J
0.177

1
2.85 3.1 0.25

-0.177 6.02 6.3 0_28

2.5 5.3 0.35 0.40 0_26 2.67 2.6 -0.07

! 1 1
0.177 ! 4.04 3-9 -0.14

-0.177 8.53 8.3 -0_23

35 4.0 40 0.496 0.246 0.39 50 2.29 2.4 0.1 I

24 2.5 6.4 0.35 0.4 0.28 50 2.88 2_9 0.02

~ ~ l 0.75 0.4 0.47 ~ 2_26 3.5 1.24

36 2.5 40 0.814 0.322 0.28 50 1.37 1.2 -0.17

~ ~ l l l 0.25 l '-22 1.2 -0.02

37 35 40 0.363 0.36 0.315 40 2.33 2.4 0.07
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TABLE 4.4.1- E

SUBSONIC DYNAMIC·PRESSURE RATIO

DATA SUMMARY AND SUBSTANTIATION

i ALE
x ,

q/qoo q/qoo
,

- - 0' Percent--
Ref A (deg) A ;: c (deg) Calc. Test Enor

" 3.0 a 1.0 2.0 a a 0.88 0.90 -2.2

I 1 0.89 0.92 -3.3
,

I 2 0.92 0.94 -2.1

3 0.95 0.95 a
, 4 0.98 0.96 2.1

i I 6 1.00 0.96 4.2

i 6.0 a 1.0 2.0 a a 0.88 0.87 1.1

1 0.89 0.89 a
2 0.93 0.92 1.1

3 0.97 0.93 4.3

4 0.99 0.95 4.2,
I 6 1.00 0.97 3.1
I,
i 6.0 a 1.0 2.0 0.28 6 1.00 0.97 3.1

I I j j I l 8 0.98 0.96I 2.1

I 10 0.91 0.93 -2.2

4.5 30.0 1.0 2.0 a a 0.88 0.96 -8.3

1 0.89 0.96 -7.3

2 0.92 0.95 -3.2

3 0.95 0.95 a
4 0.98 0.94 4.3

6 1.00 0.98 2.0

5.2 30.0 1.0 2.0 a a 0_88 0.95 -7.4

1 0.89 0.94 -5.3

2 0.92 0.94 -2.1

3 0.96 0.94 2.1

4 0.99 0.94 5.3

6 1.00 0.96 4.2

I

0.28 6 1.00 1.01 -1.0

j
8 0.996 1.02 -2.4

10 0.94 1.02 -7.8

12 0.88 1.01 ~13.0
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TABLE 4.4.1- E (CONTO)

I ALE
x ,

q/qoo q/qoo
e- - Cl' Percent

Ref A ldeg} " " " ldeg) Calc. Test Error

9 1.5 60.0 1.0 2.0 0 0 0.89 0.95 -6.3

I

I
1 0.895 0.95 -5.8I

2 0.91 0.95 -4.2

3 0.93 0.94 --1.1

4 0.96 0.94 2.1

6 0.99 0.97 2.1

8 1.00 1.00 0
,

1.0
,

3.0 60.0 3.0 a a 0.92 0.92 a
I

1 0.93 0.93 0

I
2 0.96 0.95 1.1

3 0.99 0.97 2.1

4 1.00 0.99 1.0
.

2 3.5 47.5
,

0.5 1.213 a a 0.85I - -
I

1 0.86 - -

2 0.89 - -

3 0.93 0.86 8.1

4 0.96 0.88 9.1

6 1.00 0.92 8.7

5 4.01 42.0 0.625 1.814 0.25 8 1.00 1.00 a
10 0.98 1.00 -2.0

12 0.95 1.00 -5.0

13.1 0.91 1.00 -9.0

14 0.90 0.98 -8.2
,

6 4.00 42.0 0.5 2.504 a a 0.93 0.94 -1.1
I

1 0.94 0.95 -1.1

2 0.97 0.96 1.0

3 0.98 0.96 2.1

4 1.00 0.97 3.1

Elel
Average Error =-- = 3.5%

n
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TABLE 4.4.1-F
SUPERSONIC DOWNWASH GRADIENT BEHIND STRAIGHT·TAPERED WINGS

METHOD 2
DATA SUMMARY AND SUBSTANTIATION

ALE 2x 2y 2, a'f/ao: a'f/ao.
- -

Ref. A A ldeg) b b b Calc. Test aal/ao.

38 3.5 1.0 0 1.72 0.10 0.20 0.23 0.26 -0.Q3

I 0.30 j 0.26 0.38 -0.12

1.72 0.10 0.40 0.14 0.14 0

j 0.30 I 0.16 0.12 0.04

2.52 0.10 0.20 0.31 0.35 -0.04

j 0.30 I 0.35 0.39 ~0.04

39 4.0 0.5 42.7 1.39 0.176 0.22 0.20 0.18 0,02

40 4.0 0.5 42.7 1.39 0.176 0.22 0.18 0.214 ~0.034

41 4.0 0.5 42.7 1.39 0.176 0.206 0.20 0.244 -0.044

j I I 1.38 I 0.013 0.24 0.325 -0.085

4.0 0.5 42.7 1.39 0.176 0.206 0.24 0.21 0.03

I I I I I 0.11 0.28 0.32 ~O.04

42 4.0 1.0 0 1.85 0.25 0.35 0 0.06 -0.06

j j j I j j 0.175 0.04 0 0.04

1.55 j 0 ~0.02 0.02

43 3.11 1.0 0 2.73 0.333 0 0.28 0.14 0.14

j I I j j J j 0.38 0.30 0.08

44 2.34 1.0 0 2.13 0.286 0 0.06 0.08 -0.02

j I 0.03 0.07 -0.04

2.98 0.309 0.14 0.12 0,02

0 0.22 0.14 0.08

-0.309 0.14 0.13 0.01

0.309 0.17 0.085 0.085

0 0.21 0.145 0.065

-0.309 0.17 0.14 0.03

~0.10 0.215 0.145 0.07

45 3.36 0 50 3.0 0.4 0.134 0.40 0.40 0

0.6 j 0.32 0.32 0

0.8 0.22 0.14 0.08

0.4 -0.089 0,43 0.32 0.11

J -0.315 0.29 0.24 0.05

0.6 j 0.21 0.17 0.04

0.8 0.10 -0.07 0.17
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TABLE 4.4.'·F (CONTOI

ALE 2x 2y 2, 3Elaa. of!3a- -
Ref. A , (dogl b b b Calc. Test AoF/3a

45 3.36 0 50 3.0 0.4 0.346 0.26 0.29 -0.03

I 0.130 0.40 0.39 0.01

-0.093 0.44 0.40 0.04

-0.317 0.27 0.29 -0.02

0.35 0.394 0.03 0.08 -0.05

0.4 I 0 0.08 -0.08

0.35 -0.049 0.27 0.29 -0.02

0.4

I
0.24 0.24 0

0.6 0.14 0.13 0.01

0.8 0.05 0 0.05

0.35 -0.345 0.05 0.10 -0.05

2.04 0 63 3.0 0.4 0.386 0.23 0.22 0.01

0.6 I 0.14 0.10 0.04

0.8 0.03 -0.02 0.05

0.4 -0.049 0.46 0.52 -0.06

0.6 I 0.36 0.36 0

0.8 0.26 0.25 0.01

4.9 0.275 0.386 0.33 0.28 0.05

1 1
-0.'03 0.52 0.42 0.'0

-0.348 0.35 0.28 0.07

Average IA3if/3al • 0.045
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SUBSONIC SPEEDS
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SUBSONIC SPEEDS
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FIGURE 4.4.1-7(, DOWNWASH AT SUPERSONIC SPEEDS
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4.5 WING-BOOY-TAIL COMBINATIONS AT ANGLE OF ATTACK
4.5.1 WING-BOOY-TAIL LIFT

4.5.1.1 WlNC~BODY·TAIL LlIT-CURVE SLOPE

The information contained in this section is for the estimation of the lift-curve slope of wing-body-tail combinations at
luw angles of attack. In general, it consists of a synthesis of material presented in other sections, although some new

information is presented.

Th~ lif~·curve slope of typical high-aspect-ratio subsonic aircraft is quite linear up to angles of attack approaching the
stall. The lift of the panels is actually linear with angle of attack while the body lift varies as the square of the angle of
attack. However. for angles of attack below the stall, the hody contribution is small enough so that the lift characteristic
of the combination is still sensibly linear. In fact, first-order estimates of lift·curve slope frequently neglect the lift of the
body.

When the forward surface has a considerably larger span than the aft surface, the tip vortices shed from the forward
panels li~ outboPId of the aft panels. As a consequence, the integrated effect of the downwash over the aft panel decreases
the effectiveness of the aft panel in a linear fashion, and hence the lift-curve slope of the combination still remains linear.
This effect is quite constant until the forward panel begins to exhibit flow separation, which distorts the span loading
and/or the effective planform. For these types of configurations it is also necessary to assume that the vortex is not
fully rolled up see paragraph A of Section 4.4.1), and the actual distance between the two surfaces must be taken
into accdunt.

When the span of the forward surface is approximately equal to or less than that of the aft surface, the vortex shed from
the forward surface interacts directly with the aft surface, generally causing nonlinear lift characteristics at relatively low
angle of attack.

A. SUBSONIC

Several methods of estimating the subsonic t'ift-curve slope of a wing-body-tail combination are available in the Datcom.
Two of these methods are presented, differing only in their treatment of the effect of the flow field of the forward surface
on the aft surface.

DATCOM METHODS
\letbod I

For configurations in which the span of the forward surface is large compared to that of the aft surface, the follOWing
approach can be used. For purposes of the Datcom this method is to be used when the ratio of forward- to aft-surface
span is 1.5 or greater. The lift-curve slope is given by the equation

CLa = (Cr•a y, [K~ + Kw,.) + K.,w,]' ;~

4.5.1.1·a

where

CLft is the desired lift·curve slope of the wing-body-tail combination.

(CLeSe and (CLftY~ are the lift-eurve slopes of the exposed forward and aft surfaces, respectively, from Section
4.1.3.2. (See Section 4.3.1.2 lor the definition 01 exposed aurlaces.)

[Ks + KW(H) + KB(WI]' and [KW(BI + KB(wd" are the appropriate wing.body interference factors from Section
4.3.1.2 for the forward and aft surfaces, respectively.

a.
an is the downwash gradient averaged over the aft surface, from Section 4.4.1.

is the average dynamic-pressure ratio acting on the aft surface, from Section 4.4.1.

4.5.1.1-1



S,,' s "
and S~, are thf' ratios of tIlt' t!xposed to gross planform areas of thr fore and aft surfucps, respccli\t'ly.

is the ratin of aft to forward gross planform areas.

Equatioll l.S.I.I-a is valid onl) where the aerodynamic parametf'rs are linear. Specifically, the equation is valid for
high·a~pl'd-rafio. unswept configurations up to angles of attack approachinp; the stall. For low-aspect.ratio or swept
\\i!lg~. the applicable anp:le-of-attack range is considerabl} less. dependinp: upon the degree of accuracy desin>d.

For cllllnFuratiolls in \\'hich the !'\pans of the forward and aft surfaces are approximately equal or in which the span of
Ihe forward surface is less than that of the aft surface, the following procedure is recommended. The lifh~urve slope of
LIl<· combination is given by the equation

4.5.1.1·b

~"), S.' "g.' , (b"
((I./l')~ C7 (CL"L. - KW1H1 I,·w'(W") -2

~ q""
~,..,.,--=--'------'-

2~K; e: -~)

The parameters in the first two terms on the right·hand side are. the same as in equation 4.5.I.I-a. The
last term represents the effect of the forward-surface vortices on the aft surface. To obtain the
contribution of the last tenn to the lift-curve slope, refer to Method 3 of Paragraph A in Section 4.4.1.
The quantities (CLo )' and (CLJ~ of the last term must be expressed in radians. If the result of this
term is desired per de~ee, the conversion must be applied after the term is evaluated.

1. Method I
Sample Problems

Given:

4.5.Ll·2



Winp: Characteristics:
Total Panel Exposed Panel

\'u: 463

i' 0

\ACA ():~A012 airfoil section

Hllfizontal·Tail Characteristics:

,\,' O.4ft

45

K, = 7.61

A~ = 0.470

A" ::.~ 4

Total Panel

A" = 0.4S

y= -3.6"

Exposed Panel

x; = 3.4S

x: = 0.507

NACA 63A012 airfoil section

The following ra.tios, based on total panel dimensions:

b'
b" = 3536

21" = 0 9S4
b' .

hH
-= ~·0.03

b'

The following area ratios:

S'
;. = 0.896

S~s7 = 0.0701

Additional characteristics:

b'd' = 10.0

.!..c.= -0.OS4
b'

x
=-; = 3.64
c

S"
S~, = 0.73S

b"
d" = 4.9

11,:' = 0.120

S"S' = 0.160

M = 0.19 R = 4 X 10'

f3 = 0.9818 smooth surfaces

Note: The above parameters are defined in the sections used to calculate CLa•

Compute:

Step 1. Lift-curve slopes for the exposed wing and exposed horizontal·tail panels.

Exposed wing panel (Section 4.1.3.2)

c • = 6.30 per rad (Section 4.1.1.2)

A' [ J'"K'" p2 + tan2 A~/2 = 10.41

cL
K= 2" = 1.0

4.S.1.1-3



(CLa ):
~ = 0.500 per rad (Figure 4.1.3.2-49)

((,.• J:. 0.0664 per deg

EXJ-losed horizontal-ta il panel 1Section 4.1.;1.21

1"1" .c.", 6.30 per rad (Section 4.1.1.2)

A"
-'[f:F -+ tan' '\':1']'" = 4.610
K

(C )"
;~ , ~. 0.900 per rad (Figure 4.1.3.2-49)

(C..,,):: = 0.0542 per deg

Stf'p 2. Wing-hody and tail.body interference factors (Section 4.3.1.2)

Wing.body

[K, + Kw1a , -+ KB1WI ]' = 1.257

Horizontal-tail-body

Figure 4.3.1.2·10

d"
for 11' = .204

Step 3. Downwash parameter (Section 4.4.1 )

Obtain value at a = 0 0

CL = 0 --"---"-''''- = 0

A~fr = 10
A' .

h:' lf = I ()
h' .

A~fl = 3

Figure 4.4.1 -66

G:t = .23 (

G:). =.3 ~
Figure 4.4.1-67

4.5.1.1-4

Il.y = 2.65 (Section 2.2.1)



Type of flow separation. trailing.edge separation i. predominant (Figure 4.4.1 -68a)

• hH I,,, ( 0.41 Co.) b,:, no ( • 441)
h' V V a - .,.. ~rr - 2b' tan J. - Equahon .. -e

a

b'
-0.03

b, = li,,, (at Co. = 0)
h' h'

btl b" btl b'
- = - = -- ~ 028.3b, b, b' b, .

2. _ 2 • b'_ -0.06
~ - h'""""b;-

(
aE '1
~ = 1.0 (Figure 4.4.1-68b)

(
a€ \
-1an Jv

(
aE)

:~ =(~:) (:: ),= 0.30
ao ,

(1 - ::) = 0.70

Step 4. Dynamic-pressure ratio at the horizontal tail (Section 4.4.1)

Obtain value at a = 0°

€ = 0

(1 + € - 0) = -3.6°

; = ; tan (y + € - ,,) = -0.229 (Equation 4.4.1.1)

C, = 0.00350 (Figure 4.1.5.1·26)

C = C [1 + L I..!.) + 100 (..!.)4] RL.5 Swot (Equation 4.1.5.1-a)
DO e \c c . SlOe

= 0.0088

~ = .68~ CDo(; + .15) = .124 (Equation 4.4.1-])

_z_ = z/e' = -1 85
Zw zw/e' .

. Iz I q"Smce - ~ 1.0, -- = 1.0
Zw qao

Step 5. Solution fOT CLa of wing-body-tail combination

" ( a€) q" S" S"(Co..) , [KwlBl + KB,w,]" 1 - - '_
au qco 51 5"

(Equation 4.5.1.1·a)

4.5.1.1·5



c," ,~ 0.0748 " O.OO6S

Cr . 0'<1813 per deg

2 '\-1{'lhod 2

Civen"

Winl! Characteristics.:

T
b' T

b"

A' ,2

A'L'" 1S

Total Panel

A' = 0.33

iY~/1 = 36.8"

Exposed Panel

XI' = 1.80

x, = 0.378

i' o P ='0

~ACA 0005 airfo.iI section

II, lrizontal·Tail Characteristics:

A" 4.4

A"LE --= 9.46"

iff :,.., 0

N ACA 0005 airfoil section

Total Panel

A" = 0.46

y=o
N~/2 = 0

Exposed Panel

x; = 3.82

N,: = 0.515

The following ratios, based on total panel dimensions:

'"17' =- 1.278
h'
d' -- 5.2S

h"
d" = 5.01

x
1.080

The following area ratios:

s,.' = 0730S' .

s
• /'Iof('f 00-°1-5' = . {o

e

Additional characteristics:

M= 0.13

f3 ~, 0.9915

45.1.1·6

5/'5" = 0.741
5"S' = 0.277

smooth surface



Compute:

The calculation procedures of Method 2 that are I!limilar to those of Method I are not lieted in detail here. See sample
problem 1 for a detailed presentation.

Step 1. Lift-eurve I!llope8 for the expoaed wing and exposed horizontal·tail panell!l (Section 4.1.3.2)

(CLo ),' = 0.0405 per deg

(CLo )," = 0.0667 per deg

Step 2. Wing·body and tail.body interference factors (Section 4.3.1.2)

Wing·body

KN ' = 0.067

Tail.body

KBCW/' :;:;; 0.28

KB(w)' = 0.27

Step 3. Dynamic-pressure ratio at the horizontal tail (Section 4.4.1)

Obtain at a = 0

q"
q~ = 0.859

Step 4. Lift-curve elope of tail section due to wing vortices

(CLo); ~~ = .0405 (.730) = 0.0296 per deg

= 1.696 per rad

(c )"~ = .0667 (.859) = 0.0574perdeg
La e qlll

KW(BJ' = 1.16

= 3.28 per rad

A:: = 3.82

Tail interference factor, Ivw'cw",. at 11= 0

I,W'(w", = -3.0 (sample problem 3, paragraph A, Section 4.4,1)

b" d" '1T - T = 88,5610,

also from above sample problem
b/ d' .T - 2" = 89,87 10.

S'q" (b" d")(CLa): it (CL.): q:; KW(B" l·w'(W") 2"" - T

2" A~e;' -~)
= 1.696 (3.280) (1.16) (-3.0) (88,56)

2" (3.82) (89.87)

= - 0.794 per rad

= - 0,0139 per deg

4.5.1.1·7



Step 5. Solution for CL • of wisg.body-tail combination

CLeI = (CL(I')/ [K,.. + KW(Hl + KB1U·)]' ;:'

+ (C".) w",,,
In th,· above equation the first term represents the wing contribution, including interference effects, and
the last two terms represent the tail contdbution, including interference effects.

C". = .0405 (1.497) (.730) + .0667 (1.450) (.859) (.277) (.741) + (-.0139)

= 0.0443 + 0.0171 - 0.0139

= 0.0443 + 0.0032
(wing) (tail)

C". =0.0475 per deg

B. TRANSONIC

The estimation of transonic characteristics is one of the nebulous topics of aerodynamics. Variations in the lift-curve
slope with Mach number for wing.body-tail configurations at transonic speeds are determined primarily by the wing
characteristics, since body characteristics do not change significantly with Mach number. Also the lift-curve slope (at
low angles of attack) of the body is generally small compared to that of the lifting surfaces, so that again the low.angle.
of·attack lift characteristics can be approximated by the Hft of the panels alone. Refinements can be made by applying
theoretically derived wing-body interference parameters such as those presented in Section 4.3.1.2, but the improvement
in accuracy is questionable.

DATCOM METHOD

It is recommended that the methods presen ted in Paragraph A above be applied directly to the
transonic speed regime. Care should be taken to estimate the Iift-eurve slope of the isolated lifting
panels at the proper Mach number. The interference factors should be obtained from Paragraph C,
Section 4.3.1.2.

C. SUPERSONIC

The procedure for estimating the supersonic lift-curve slope of a wing-bOOy-tail combination is essentially identical to
that at subsonic speeds. Several methods are presented that depend upon the general arrangement of the configuration.

DATCOM MfTHODS
Method 1

For configuration in which the forward surface has a span at least 1.5 times the aft-surface span, the lift-curve slope of
the configuration can be estimated by using equation 4.5.1.1-a of paragraph A above. Two methods of estimating the
interference "K" factors in this equation are presented in Section 4.3.1.2. Two methods of determining the downwash
gradient for this type of configuration at supersonic speeds are presented as Methods 1 and 2 in Section 4.4.1.

Method 2

For configurations in which the span of the furward surface is approximately equal to or less than that of the aft surface,
equation 4.5.1.1·b of paragraph A is used. For this type of configuration, the trailing vortices of the forward surface
strongly interact with the aft surface, and a special accounting must be taken of this situation. Method 3 of Section 4.4.1.
which estimates the contribution of this interaction to aft·panel lift, should therefore be used to evaluate the last term
of equation 4.5.1.1-b.

4.5.1.1-8
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4.5.1.2 WING-BODY -TAIL LIFI' IN THE NONLINEAR ANGLE.QF-ATI'ACK RANGE

The lift of wing-body-tail combinations in the nonlinear angle-<>f-attack range depends primarily on the
characteristics of the isolated components. Although little is known about the mutual aerodynamic
interference effects in this range, certain reasonable assumptions can be made. First, the wing lift carryover
onto the body and the effect of the body upwash on the wing lift are similar in nature to those of the
low-angle-of-attack case. These effects, calculated for low angles of attack by slender-body theory, are
presented in Section 4.3.1.2.

The effocts of the shed vortices are somewhat more involved. For high-aspect-ratio, unswept subsonic
configurations, the flow remains attached over the lifting panels up to angles of attacx approaching the
stall. For this angle-of-attack range, the aerodynamic lift characteristics are linear and the methods of the
previous section are adequate. During the stalling process the flow may separate in an infinite variety of
ways - depending upon the details of the wing design - each producing a different flow behind the surface
and hence a different lift contribution from the aft paneL At present the stalling range of angles of attack is
not covered in the Datcom. It can be assumed that above the stall angle of the forward panel the flow from
the forward surface does not interact with the aft surface if the aft surface is not directly in the wake,

a.
i.e., aa = O. For the purposes of the Datcom the wake of a stalled wing can be taken to be bounded by the

lines emanating from the leading and trailing edges of the forward surface in the streamwise direction. For
aft panels lying within this stall region, the aft-panel contribution to lift is taken to be zero.

For swept and/or low-aspect-ratio configurations, the trailing vortices are shed at progressively more
inboard stations as the angle of attack is increased. The effect appears in the downwash field and hence in
the lift generated by the aft paneL

•
The bodies of these configurations lift in a continuous fashion as a function of angle of attack and do not
stall in the normal sense. The nonlinear cross-flow contnbution to body lift is sizable at the higher angles
(near and beyond stall) and should not be neglected. This cross-flow lift is caused by a pair of body vortices
that can also strongly affect the lift contributions from the panels. These effects have been accounted for in
the Datcom.

A. SUBSONIC

DATCOM METHOD

The lift of a wing-body-tail combination "an be estimated at subsonic sPeeds by using the following
equations>:

For ::;, ~ 1.5: CN = {(C~l): [KN + K"'B' + KB,..,l' + (CN;): [k"'B' + kB''''l'} ~:

+ {(C~l)': [KW(BI + KBfW)]" + (C'J)': [kWCBI + k(8rwl"} ~~ 55:'

+ I'B '''''(2r:vr)~\~ (C·.Ya' + 1••,....,(2..:vrr~.:~2 :." :~ (c••)">"

"-5.1.2·.
-Not.: The IImltl ......... for b'/b" .,.. qui'. f"Jdb", dependl.. uPOft the CDnflgumion deIIl.. "" ,he ... of 8CCUrKY dell"",

4.5.1.2-1



For
b'
h" < 1.5:

~'(CL<I)" 4"

q<D

4.5.1.2·b

where the primed quantities refer to the forward panel, the double-primed quantities refer to the aft
panel, and the subscript e refers to the exposed panel.

(<;; )'
1 e

is the pseudonormal-force coefficient of the exposed forward panel calculated at the wing
angle '" _. "'~ where'" is the angle of attack of the body reference line and "'~ is the
angle, negative in sign, measured from the wing chord line at the MAC to the wing
zero-lift line. The value of (C~l>' is obtained from Section 4.1.3.3. (See Section 4.3.1.2

e
for the definition of exposed panels.)

is the pseudonormal-force coefficient of the exppsed forward panel calculated at the wing
angle of incidence i' from Section 4.1.3.3.KC~2): = 0 for i' = OJ

is the pseudonormal-force coefficient of the exposed aft panel calculated from Section
b' b'

4.1.3.3 at the angle "'- f for b" > 1.5 and at '" for bo' < 1.5. The downwash

angle f is obtained from Section 4.4.1.

is the pseudonormal-force coefficient of the exposed aft panel calculated from Section
4.1.3.3 at the aft-surface incidence angle i:' [(C~2):' = 0 for i" = 0]

(CL )' and (CL )" are the Iift-curve slopes of the exposed forward and aft panels, respectively, from
Q'e Q'e

Section 4.1.3.2.

(CL,,)' and (CL",) " are the lift-curve slopes of the forward and aft panels, respectively, from Section

4.1.3.2.

K.N , KW(B)' KB(W)' kW(B» and kB(W) are the aerodynamic interference factors from Section
4.3.1.2.

[ r B ] , and r r B ] are nondimensional vortex strenths obtained from Section 4.3.1.3.
2.. V"" G.-Vr",

I , I , and Iy are the vortex interference factors between vehicle components. The valuesYB(W') YB(W") W'(W")

4.5.1 .2-2



I and I are obtained from Section 4.3.1.3 and I is obtained from
vB(W') vB(W"j vW'(W"1

Section 4.4.1.

r ' r "
b' and "b'"' are the ratios of the body radii at the midpoint of the exposed root chord to the total

spans of the forward and aft panels, respectively.

a" is the angle of attack of the aft panel, a- € + i", where € is obtained from Section
4.4.1.

b~ is the lateral position of the forward-surface vortex from Section 4.4.1.

q
is the dynamic-pressure ratio due to the forward panel acting on the aft panel. This value is

obtained from Section 4.4.1. The value of~ is almost always taken to be 1.0.
q..

For configurations in which the body is relatively small compared to the span of the panels, the terms
involving I and I in equations 4.5.1.2-a and 4.5.1.2-b can be neglected. For purposes of the

vB(w') vB(W")

Datcom these terms are neglected when b /(2r)or b ';1:2,);;. 3.0 (care should be taken to evahJate the coeffi
cients at the proper angles of attack and incidence).

Sample Problems

1. The span of the forward panel is large compared to that of the aft panel (b'/b";;' 1.5).

Given: Configuration of sample problem I, paragraph A, Section 4.5.1.1.

Compute:

Step 1. (C~,): and (C';2): (Section 4.1.3.3)

From sample problem I. paragraph A, Section 4.5.1.1

a6 = 0

ay = 2.65

Obtain (C I •m.. ); and

(CLa); = 0.0664 per deg = 3.805 per rad

( ae )' (Section 4.1.3.4)
'Lmax ..

Test for method most applicable

C, = 0.32 (figure 4.1.3.4-24b)

4
(C, + I) cos A'LE = 4.386

Since A~ = 7.61 > 4.386, use high·a!lpect-ratio method

( C1Lmu
)' = 0.68 (figure 4.1.3.4-21 a)

C rna" ..

(elm..): = 1.45 (Section 4.1.1.4)

(aCLm..): = 0 (figure 4.1.3.4-22)

4.5.1.2-3



( unc , )' = 5.7 0 (figure 4.J.3.4·Zlb),nun ~

[(C. ) J'C -':::: ~ (' .+' ---:
(LlIlU )" cl i""" ole,.,,,", -

H\;lx ~

0.')86 (~quation 4.1.3.4-d)

[ C J', __._ L""n(a,. ) - --- I- n, + uno = 20.S'
max ~ (LIT L """ p

(equation 4.1.3.4 ·e)

Obtain la·)' (Section 4.1.1)

(cr.*)':::-~ 10°

( a )'cLma'X e(a*)'

.4

.8

.2

.6
(C )'

L e

Construct curve of (Cr.I: vs a

(CLI'~ (C .... );a for a'S below (0.*)'

1.0

10 20
a (deg)

o'-f'--'""T---.......
o

From constructed curve, obtain (CJ
l
);, substituting the wing angle a. - 4 0' for a.

0.-0.0'=4-0=4

(i) ® C') CD
n a ~- a"

, feLl: (C,,) :
deg deg atC') = (CL):/cos ®

0 0 0 0

5 S .332 .333

10 10 .664 .674

IS 15 .915 .947

20.5 20.5 .986 1.053

(C ')'=O since i'=ONZ., ,

Step 2. DownwBsh angle at horizontal tail (Section 4.4.1). Sample problem 1, paragraph A, Section 4.5.1.1, has
the procedure briefly outlined and sample problem I, paragraph A, Section 4.4.1, is a detailed example.

The final result is shown below.

I a E a-E

I deg deg deg

0 0 0
5 1.5 3.5

10 2.9 7.1

15 4.9 10.1

20.5 8.0 12.5

4.5.1.2-4



Step 3. (c'~;): and (C~2):' (Section 4.1.3.3)

rest for method most applicable (Section 4.1.3.4)

C, = 0.32 (figure 4.1.3.4-24b)

4 3

C)
= 4.494; (C 1 " = 3.370

( I +.1 cos A'lB 1 + ) COS ALE

A': = 3.45, which lies between the above limits.

Borderline case: use low-aspect-ratio method

(C,.)': = (C,.•)~ = 0.0542 per deg co 3.106 per rad (sample problem I, paragraph A, Section 4.5.1.1)

Obtain (c )" and
L mlU '" ( acL lnllX ) ~

A"
(C, + 1) i cos A~e = 3.13

[( CI ) ] " = 0.80 (fieure 4.1.3.4·23a)
'max h.. ~e '-'.

C, = 1.05 (figure 4.1.3.4-24b)

(C2 + l) A:'tan A'~rr. = 7.75

(aCLmu ):' = 0.22 (figure 4.1.3.4-24a)

[ (acLmu ) b...r= 22° (figure 4.1.3.4 -25a)

(aacL )" = 4° (figure 4.1.3.4-25b)
mill: ..

(CL )" = ,. (CL )b + aCL ]" = 1.02 (equation 4.1.3.4-g)maX t, l max aile mall ..

(acL )" = [( acL ) + aacL r = 26° (equation 4.1.3.4-h)
max .. max bll~e max ..

Obtain [(C",•• ) ,ej]:

[c ' (Cm C ] :: ( CLmu )" = 1.13, -~ I'm., cos ac
.. L mall ..

[ e.' @ C J:' (C )"sin 2a
~ - L ma".. N~ e 2

[(CN ) ]" = -0.292 (equation 4.1.3.3·b, (CN.)';in rad)
•• ,,' • sin a Isin a I

where a = (ac )"L maJl ..

Obtain J

J = 0.3 (C, + 1) ~: COS/l'LE{(C, + 1) (C, + 1) - (iC, + 1)7
A

':tanA;:eT} = 1.27

Calculate (C~ 1 ) " VS a" (equation 4.1.3.3-8).
CD ® ® I ® ® ® ®

tan a" (C. )" sin 2«"a" (aC. )" (C )" (C )" sin2rl' (C: )"
tan (ac )" "'II(\' .. N aa .. N(\'ty.. . N(\'.. 2 Nt "

I...,,,,,. ,-

deg
figure = [(C'.,,),. .. , = CD sin2a" =. 3 106 sin 2a" =0+®

4,1.3.3-55a +.l.e. ]" . 2
;..;"" ,.-

5 ,179 1.85 1.558 0.0118 .269 0.2:11

10 .361 1.85 1.558 0.041>8 .531 0.578

15 .5SG 1.50 1.208 0.081 .777 0.358

20.5 .767 0.75 0.458 0.056 1.019 1.075
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..
--

" "" (C' )"!'<t "

dq: ("- E)

S ;3..5 O.IC):)

10 7.1 0.40n

IS 10.1 O.S:.;:)

20.S 12.5 0.720

Plot (C~l)" VS a andreadvaluesata €(sinceb'/b"> 1.5)

(C:2)~' ;-:: 0, since i"~::- 0

:'t('p ,I.. \\'ing-Ij(ldy and tail-hody interference factors (Section 4.3.1.2)

FrulI\ sample problem I, paragraph A, Section 4.5.1.1

IK~ -1- KII(l!) -+- K1l(\\I]' 1.257

[KWClllt KIl1WI }" ~- 1.460

Slt'p 5. Dynamic pressure at horizontal tail (Section 4.4.1)

Sample problem L paragraph A, Seclion 4.5.1.1, has the procedure briefly outlined and sample prohlem 4.
paragraph A. Section 4.4. L is a detailed example.

The final result is shown helow.

£ '1.0 for all n S
qoc

(since I~ I > 1.0 for all a's)
z\\

Stl"P (l. Vortin's effect (Section 4.3.1.3)

,,,
-clO
d'

b"- _.. 49
d" - .

Since these ratios are both greater than 3.0, the vortices effect can be neglected.

IVR(W'l ~-'-= IVB(W"1 = 0

Step 7. Solution for eN vs a

(C "[k +k l'(S,'
N2)~ W(II) II(WI J"Sf

(equation 4.5.1.2-a simplified I

C, ~ (C,)~. (1.257) (.896\ ~ (C(,)': (1.460) (1.0) (.113)

= 1.126 (C:,): + .1723 (C,!.j;'

CD CD CD (4) CD CD

(C' )' (C )" 1.126 (C,): .1723 (C' )"
c:-;

" :-;1 p :0; 1 p Sl e =0+0de~

0 0 0 0 0 0
S 0.333 0.195 0.375 O.O;n6 O.40n6

10 0.674 OAOg 0.759 0.0705 0.821);:)

15 0.947 0.583 1.066 0.1000 1.166
20.5 1.053 0.720 1.136 0.1240 1.310
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2. The span of the forward panel is approximately equal to or less than the span of the aft panel
(b'/b" < 1.5).

Given: Configuration of sample problem 2, paragraph A, Section 4.5.1.1.

Compute

The calculation procedures of sample problem 2 that are similar to thoee of IaDlple problem 1 are not listed in
detail here.

Step 1. (C~,)'. and (C~2): (Section 4.1.3.3)

The low-aspect.ratio method i. used to calculate (c:.d:.
(CL",u);=0.935 (""'-mu): =26.0'

(CN.): = 0.0405 per deg = 2.32 per rad [(CH•• ) ",J: = 0.655 per rad

J = 1.60 [C~ @ CL",uJ: = 1.04

(C~.): = (CN.): 8;n
2

20. + (CH••): ai04I ain a I(equation 4.1.3.a.a)

CD <!l <!l @ (j) (j) <!l

(aCH••): (CN••): (CNII.)~ lintel (C )'~ (C~I):
a tan a figure = [(CN••)",

H. f 2 =@+@
deg tan ( )' 4.1.3.3-55a + ~CH.lII]:acLm•• ~

5 .179 2.10 2.755 .021 .202 .223

10 .361 2.10 2.755 .083 .397 .480

15 .549 1.80 2.455 .IM .580 .744

20 .746 1.00 1.655 .194- .746 .940

23 .870 .50 1.155 .176 .835 1.011

26 1.0 0 .655 .126 .914 1.040

(eN2); = 0, since i' = 0

Step 2. (C~.): and (C~2)= (Section 4.1.3.4)

Since ~;, < 1.5, evaluate (CNd~' at (l..

From low-aspect-ratio method, the following is obtained.

(CLmaIY;= 0.705 (oc Lmu )':= 14.50

Since (ac )" is considerably lower than (ac L ):' the IOlution for (C~l)~ mUlt include both
L pu._ e ma"

below-stall and above-stall calculations. The final result ia liated below.

"deg (CHI):
5 .330

10 .625

15 .749

20 .738

23 .767

26 .824
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Rt'C8US(' of the limitation of the method, the accuracy deteriorates at high angles of attack. Calculate the
remaining portion of the solution at a. ~ 20°.

(C~:l):':-O 0, since i" = 0

Stt"1' 3. Wing-body and tail-body interference factors (Section 4.3.1.2)

From !/oample problem 2, paragraph A, Section 4.5.1.1

[K s + KWlU ) + KB(WI)' = 1.497

[K WlBl + KlRIW ]" = 1.450

Step -t. Dynamic pressures at horizontal tail
From the methods of Section 4.4.1 the following is obtained.

a L
deg '100

0 .859

5 .937

10 .999

15 1.0

20 1.0

Slep 5. Vortices effect

b'
= 5.25

b"
d' d" = 5.01

Since these ratios are both greater than 3.0, the t~rms involving IvBlW') and lVB(W"1 can be neglt:cted.

Calculate lift of taH due to wing vortices.

From sample problem 2, paragraph A, Section 4.5.1.1

(CLo): ~: = 1.696 per rad

(CL )" '1" = 3.28 per rad (al a = 0)
Q ~ q""

'1" «'Therefore (CL )" -- = 3.82 --- per rad
Q ~ q"" q""

2 2-- (b ' d') = 0.04106
271"A" ~ --

• 2 2

_ «''-- 0.308 - aI"'w'fW") (a. in radians)
'100
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The variation of !yw'CW") with a has been calculated in sample problem 3, paragraph A, Section 4.4.1
and is not repeated here.

(i) ® ® CD ®
a a !Yw'IW") CLW"(V) CNW"lV}

deg rad =0.308q" ®® = CD/cos a

q~

0 0 -3.0 0 0

5 0.08725 -2.5 -0.063 - 0.063

10 0.1745 -2.0 -0.108 -0.110

15 0.2618 -1.68 -0.135 -0.140

20 0.3490 -1.40 -0.150 -0.160

Step 6. Solution for CN VS a

CN= {(CNd: [KN+ KWIB, + KB1W,]' + (C~2): [kWIR ' + kRi ,,· ]' } ;:'

{ }
"S"

+ (C~d: [K WIB ) + K B1W )]" + (C::2 ):, [k WIIl ) + kll(n-d" :"'" St
+ CNw"'., (equation 4.5.1.2·b simplified)

Substituting the constants gives

CN = (C~d'. (1.497) (.730) + (CNI Y; (1.450) :: (.205) + CNW"I"

= 1.093 (C~,)' + .2973 (C~I y' q" + CN "e Jeqoo W(")

(i) ® ® (i) @ (i) ® (i;

a
(C' )' (C' )"

q"
1.093 (C~.)'. .2973 (C~I y; :: CN

deg NI • Nt e
q~

CNW"(V) 0+@+@

0 0 0 .859 0 0 0 0

5 .223 .330 .937 .244 .092 -0.063 0.265

10 .480 .625 .999 .525 .186 -o.no 0.601

15 .744 .749 1.0 .813 .223 -0.140 0.8%

20 .940 .738 1.0 1.027 .219 -0.160 1.086

B. TRANSONIC

At present it is not possible to predict the aerodynamic characteristics of wing-body-tail combinations in
the nonlinear angle-of-attack range. However, it is anticipated that the interference effects can be large.

DATCOM METHOD

It is recommended that the equations presented in paragraph A above be applied throughout the transonic
speed range. Care should be exercised to evaluate the various tenns of these equations at the proper Mach
number. The interference k factors are most accurate for slender conHgurations. The' vortex
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terms I'B (W 'j' etc" are thought to be quite valid. But the characteristics of the isolated panels and the
d\)wnw~lsh L'annot bt~ determineq as accurately.

C. SUPERSONIC

At supersonic speeds the direct influence of the wing shock-expansion field on the horizontal tail must be
considered. as well as the effects of wing vortices and body vortices considered in the subsonic method of
paragraph A. The introductory discussion pertaining to body-vortex and wing-vortex effects applies equally
;\s well at subsonic ;.lI1d supersonic speeds.

In cases for which the wing shock-expansion effects are important, account can be taken of the downwash
angle, dynamic pressure, and Mach number at the tail by direct application of shock-expansion theory. It is
assumed that the Oow in the region of the horizontal tail is the two-dimensional shock-expansion field
r:Jdiating from the exposed root chord of the wing (see sketch (a)). Any effects of wing-body interference
or wing section in distorting the shock-expansion field are neglected. This assumption is valid only if the
span of the forward surface is greater than the span of the aft surface; I.e., b' > b':

SHOCK
c"

'e

SKETCH (a)

'The tail in sketch (a) is in a high downwash field so that the Oow at the tail is nearly parallel to the tail
chord. As the angle of a[tack is increased, the tail will move downward with respect to the trailing-edge
shock wave, out of the shock-expansion field and into a region of lower downwash. If the tail were initially
above the expansion fan from rhe wing leading edge, an increase in angle of attack would move the tail into
the shock-expansion field and. consequently, into a region ot increased downwash. It is seen then that the
wing shock-expansion field can cause either an increase or a decrease in the tail download in contrast to
body vortices ,md wing vortices, which cause only an increase in tail downloa~

DATCOM METHOD

The lift of a wing-body-tail combination in the nonlinear angle-of-attack range at supersonic speeds is
approximated by using the ;absonic method (paragraph A) minus the second term on the right-hand side of
the equation,which accounts for the horizontal tail effects, plus an additional term to account for the direct
inOuence of the wing shock-expansIOn field on the horizontal tail. The inOuence of the shock-expansion
field may be evaluated only for configurations with b' > b". Furthermore, the shock-expansion term
presented in the Datcom is applicable only to configurations with neither wing nor tail incidence. In using
the method of paragraph A, care should be taken to evaluate all parameters at the proper Mach number.

It should be noted that if the tail is in the wing shock..,xpansion field, it cannot "see" the wing trailing
vortices. In this case, the contribution of the wing-vortex interference (third term of equation 4.5.1.2-b) is

4.5_1.2-10



neglected. If. however, the tail is behind the wing shock-expansion field, it can "see" the wing trailing
vortices and the wing-vortex interference should be considered rather than the shock-expansion field.

The shock-expansion term for configurations with neither wing nor tail incidence, taken from reference I',
IS

S"
(LlC) = '1 - a C"

L SE a S' La

where all terms except '1a are defined in the subsonic paragraph.

4.5.1.2-c

1/
0

is a "lumped" angle-of-attack effectiveness parameter obtained from figures 4.5.1.2-13a through
4.5 .1.2-13p for combinations of angle of attack of So, 100, 1So, and 200 and Mach numbers of 2, 3, 4, and
5. 1/0 accounts for the change in dynamic pressure at the tail, the change in the tail lift-curve slope, and
the downwash at the tail, and is defined as

where

1Ja =
q" f

(I - a)
(
C" )La M

H

(
C" )

La M
H

is the lift-curve slope of the hQrizontal tail operating at the local Mach number of the
flow in the region of the horizontal tail.

is the lift-curve slope of the isolated horizontal tail at the free-stream Mach number.

The procedure for using figure 4.5.1.2-13 is as follows:

Step I. Determine the exposed-wing root chord Cr~ and the exposed-tail root chord Cr~.

Step 2. Determine the longitudinal distance x' from the trailing edge of the exposed-wing root
chord to the leading edge of the exposed-tail root chord, positive for the leading edge of the
exposed-tail root chord aft of the trailing edge of the exposed-wing root chord (see sketch
(a».

Step 3. Determine the vertical distance z', measured normal to the longitudinal axis, between the
exposed-wing root chord and the exposed-tail root chord, positive for the tail plane above
the wing plane (see sketch (a».

Step 4. Calculate x'/Cr~ and z'/Cr~, and by using these parameters locate the exposed-tail root
chord cr~' in the proper influence zone of the shock-expansion field of figure 4.5.1.2-13.

-I n reference 1, the case of a configuration with tail incidence is analyzed. The shock-expansion term is given by
i

S" W
(ACL'SE eo C~a a s: ('lcr + CXw "6)

where TJ" is the tail-incidence effectiveness parameter. Unfortunately. no design charts are available for determining '1
6

.
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...

Step 5. The exposed-tail root chord will be divided into several segments by the shock-expansion
field. It is assumed that the average value of 170' in the various influence zones is uniform
over the tail area within that zone. The average value of '1

01
in each zone is then multiplied

by the ratio of the tail area in that zone to the total exposed tail area S~ to obtain a
weighted value in each zone.

Step 6. Sum the weighted values of '1
01

to obtain the total "lumped" effectiveness parameter '1
01

.

Step 7. Interpolation for angle of attack and/or Mach number may be necessary. If so, a three-point
interpolation for a should be made using weighted values of '1

01
' Two points are sufficient

for Mach number interpolation.

For a specified initial Mach number there is a maximum value of the angle of attack for which there exists
an oblique-shock solution. Or, conversely, for a specified angle of attack there is a minimum initial Mach
number for which there is an oblique-shock solution. The relation between Mach number and angle of
attack, below which no solutions for '1

01
may be obtained, is indicated in sketch (b).

00

7

6

5
MACH

NUMBER
M 4

3

2

I
I

I
•

/ I
I
•

V i
/ !

/ I

/ !

/
,/ I

NO SOLUTION !-V I- .- !
o 10 20 30

ANGLE OF ATIACK, a (deg)

SKETCH (b)
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(e) crw = 10°, M = 2.0
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(g) law = 10°, M = 4.0
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4.5.1.3 WING·BODY·TAIL MAXIMUM LIFT

In this section a general method applicable to all speed regimes is presented for estimating the
usable or trimmed maximum lift coefficient for a wing-body-tail configuration with no high-lit.
devices. The wing-body-tail maximum lift is assumed to occur at the wing-body angle of attack for
maximum lift.

The effective tail-body lift component is a direct result of the wing-body pitching moment thot
must be trimmed. Most conventional clean-wing tail-off configurations exhibit a positive pitching
moment at stall, therefore requiring a positive tail lift, which generates a balancing negative pitching
moment.

The contribution of the tail lift is only as accurate as the wing-body pitching-moment estimate at
staU. Unfortunately, many configurations exhibit nonlinear pitching-moment characteristics at or
before stall that effectively prohibit an accurate analytical estimate of the pitching moment at stall.
For this reason, it is highly desirable to have pitching-moment test data for the particular
configuration or for a similar configuration.

DATCOM METHOD

The wing-body-tail angle of attack at maximum lift is assumed to be identical to the wing-bou~

angle of attack at maximum lift from Section 4.3.1.4.

The following method is based on the wing-body maximum lift plus the tail-body lift th"t is
required to trim the vehicle at (ac, ). The wing-body-tail maximum lift, based on the wing

""'fIIax WB

area Sw and neglecting the vertical-tail drag, is determined by

where

C (C' +CLmax :::: LmaxJWB LH(W8V) 4':;' i.3-"

is the win2-body maximum lift from test data or Section 4.3.1.4 "t till'
appropriate speed, based on Sw'

is the horizontal-tail lift at (aCL - e) in the presence of the wing.
max

body, and vertical tail, based on the wing area Sw' The value of this tei"lll
is determined from considering the horizontal-tail forces that affect the
vehicle pitching moment.

The tail lift can be evaluated using one of the three equations that are
presented below. The first equation is complete; whereas, the second a'ld
third equations are simplifications of the first equation.

4.5.13-1
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L

- E\ c + Sin{OI.CL - E)---=-
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C
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4.5.: .3-b

is the wing-body pitching moment at the stall angle 01 attack based on
Sw Ow with respect to Cw /4. obtained from test data lor the particu'ar
configuration. If no test data are available, it is suggested that an
approximation be made by lIsing the methoC:, of Sectio!1S 4.1.4.2,4.1.4.3,
and 4.3.~.2 in conjunction with test data on a similar configuration

is the horizontal-tail-body drag at ("cL _. E) based on Sw' obtained
max

from test data or the appropriate methods of Sections 4.3.3.1 and 4.3.3.2.

is the wing-body angle of attack at stall, obtained from test data or from
the appropriate method of Section 4.3.1.4.

is the wing downwash at the homontal tail, obtained from test data or the
appropriate method of Section 4.4.1.

is the ratio of the height of the quarter-chord point of the horizontal-tail
MAC above the quarter-chord point of the wing MAC, to the wing MAC.
The height is measured perpendicular to the longitudinal axis and is
positive for the horizontal tail above the wing (see Sketch (a)).

(J,

QUARTER-CHORD
OF THEWING

QUARTER-CHORD OF THE
HORIZONTAL TAIL

C
LH(WBV

SKETCH (a)
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2"
is the ratio of the distance from the quarter-ehord point of the wing MAC
to the quarter-chord point of the horizontal panel MAC (measured parallel
to the longitudinal axis), to the wing MAC (see Sketch (a)).

is the horizontal-tail pitching moment at tOtc - e) based on Sw Cw
\ Lmax

with respect to the quarter-chord point of the horizontal-tail MAC
obtained from test data. If no test data are available, it is suggested that an
approximation be made by using the methods from Sections 4.1.4.2,
4.1.4.3, and 4.3.2.2 in conjunction with test data on a similar configura
tion. However, for horizontal tails with symmetrical airfoil sections, this
term can be neglected.

For those contigurations where the horizontal-tail drag is very small in comparison with the
wing-body pitching moment, the drag terms of Equation 4.5.1.3-b can be omitted. In addition,
since most horizontal tails have symmetrical airfoil sections, the C term can also be
omitted. Thus Equation 4.5.1.3-b can be written as mH(WBV)

4.5.1.3-c

If the small-angle approximation can he justified for

simplified to yield

the above can be further

C =
LH(WBV) 2"

4.5. J3-d

No substantiation is presented because of the lack of test data on wing-body-tail configurations.

Sample Problem

Given:

1.0 = !6.5° = 0.10

CD = 0.02
H

C = 0
mH(WBV)

2"
;;;: 2.75

C

4.5.1.3-3



Compute:

C
LH(WBY)

= Q" ZfI
cos ("'CL - €) C + sin ("'cL - €) C

max max

(Equation 4.5.1.3-b)

Solution:

0.10 + 0.02 cos (16.5° - 9.2°) (1.23) - 0.06 sin (16.5° - 9.2°) (2.75) + 0
=

cos (16.5° - 9.2°) (2.75) + sin (16.5° - 9.2°) (1.23)

o. 10 + (0.02) (0.9919) (1.23) - (0.06) (0.1271) (2.75)
=

(0.9919) (2.75) + (0.1271) (1.23)

0.1034
=

2.884

0.0359

C - (C ) + C (Equation 4.5.1.3-a)L max - L max WB LH(WBY)

= 1.0 + 0.036

1.036

4.5.1.3-4



4.5.2 WING-BODY-TAIL PITCHING MOMENT

4.5.2.1 WING·BODY-TAIL PITCHING-MOMENT-CURVE SLOPE

Pitching-moment-estimation methods are inherently less accurate than those for lift, since pitching moment is dependent
primarily on load distribution, while lift depends primarily on gross forces. Many of the comments on lift given in
Section 4.5.1.1 8rc also applicable to this Section.

A. SUBSONIC
DATCOM METHODS

Two methods are presented, differing in their treatment of the effect of the forward-surface flow field on the aft surface.

Method 1 (b'/b" ::0: 1.5)

For configurations in which the span of the forward surface is large-compared to that of the aft surface, the following
approach can be used. This method is to be used when the ratio of the forward· to the aft-surface span is 1.5 or greater.
The complete equation for the pitching.moment·curve slope Cm(l of a wing.body.tail configuration based on the gross
area and MAC of the forward panel and an arbitrary center-of.gravity position is given by

Cm • = - .:'''~;::-''-'[{ - (CL ), + (CD.nsina + {(CL.)' + (Co)'} cos a ]

Z z' [ ]- "e'~ {(CL.)' + (CD)'} sin a + {(CL)' - (CDa )'} cos a

"[ ] q" S" e" ( ao)- "c\0~.{- (Cl.)" + (CDa )"} sin (a - oj + {(CLa )" + (CD)"} COS (a - 0) qm S' e' 1 - aa

-7/'[ ]q" S" e" ( ao)- zo.e" {(CLa)" + (CD)"} sin (a - oj + {(CL)" - (CDa )"} cos (a -- 0) qm S'? 1 - a;;

where

geometric parameters are defined in figure 4.5.2.1·7 (note that g', g'~ and 1" are always positive)

primed quantities pertain to the for:ward panel

double.primed quantities pertain to the aft panel

the lift and drae terms below are calculated by the methods of Sections 4.3.1.2 and 4.3.3.2, respectively

(CL ), and (Cn), are the complete lift and drag coefficients of the forward panel and hody, including wing·body
interference. The coefficients are evaluated' at the angle 4 - 40 -+- i'.

(CLa), and (CDa ), are the complete lift·curve and drag-eurve slopes of tbe forward panel and body including
interferences.

4.~.2.1·c

,t5.2.1·b

o

a"

(CL)" and (CD)" are tbe lift and drag c..efficients of the aft pancl evaluated at the tail angle of aUack
4" = a. - E + iff. These coefficients include wing-body int.erferences.

(CL(I)" and (CO(l)" are the lift·curve and drag.curve slopes of the ah panel induding wing.body interference
effects.

and ::" are the downwash angle and downwash gradient, relSpecth'ely, from Section 4.4.1

is the angle of attack of the aft panel, 4 -- E + j", where c is the average downwash angle (Section 4.4.1)
acting on the aft panel evaluated at the forward-panel angle of attack a - 40 + i'·

x" - x' = x," + (x.i) (c/) __ g' _ 25
C' C' c/ c' c"

x,., --- x" 1" +~ + (x,''") (c/:\ _g" _ 25
e" ,"'- e" e" c/' e" ) c" .

4.5.2.1-)



,
xa.c. is the aerodynamic center of the fOIWard panei obtained [r':'Im ')ection 4.3 2.2 (referred to

the focward-panel ape, and based on exposed panel geometry)

X:.c. is the aefodyaaOli..: Lenter of the J.ft pall~1 obtaint>d froll1 Sei.:til..."'n -1.3.:.~ (r,.. ferret! to thf'
aft-panel ape.' and based on exposed panel geometry)

For most configurations the terms involving z,,, are negligible, and frequently the dra~ krm:. nre small enollgh to be

negligihle. If, in addition, the usual appf'Jxirtlalions fr.r small angle of attack art". rrla(~e, equati'J~ ·1,,5.2.1-a can Le Slm.

plified to give

Xc;; - - x"

e" 4.5.2.'·d

which can he wriUt'Tl as

x,,, --- x' ,
Cm• = - ---.,-- rKN + KBCW , + KWCBl ]

C '

•
(c )'-~

L~ .. S'

where

4.5.2. '-.J'

- ~~ ..25
C'

(equation 4.5.2.1-b)

x,.~ - x" /."
e" =c" +

x
-""-
-n
(

4.5.2.1-e

and the remaining terms are clef-nell ir. Section 4.5.1.1.

Method 2 (b'jb") < 1.5

For configurations in which the span of the forward suriace ;5 approximately equal to or less than theit of th~ aft surface,
the vortex shed from the forward surface interacts directly with the aft surface dod the resi.11ting interference effC'cts

must be accounted for in the tail tenus. This method is to be used when the ratio of the forward· to the aft-surface ~pan

is less than 1.5. The contribution of this interference effect to the drag coefficient is not given in literature. However,
by making the assumptions that leo to equation 4.5.2.1·d, a simplified expression for the pitching.moment.curve slope
of a complete wing·bady.tail configuration based on the gross area alld MAC of the forward pand anri an arhitrary
center.af-gravity position is:

X, ..,. - x"

c" (0")[ "S"q"=- (Cr.•) -5'-c q~

q..5.'2.1·f

Equation 4.5.2.1·{ can be written as

where

4.5.2.1-£'

x"l.'; - x'
c'

x,'>: - x"
c"

is given by equation 4.5.2.I-h

is given hy e'luatiun 4.5.2.1·e

i~ the effect of th~ forwanl'lmrfaCtJ vnrtir.~s on the aft ~urface (,;,s de1ucJ in 5~ction 4.5.1.1 1nd the

remaininp; terms are ticfined in Sr.dion -",,_5.1.1.

4.5.2.1·2



Sample Problems

1. Method 1 (b'Ibn 2 1.5)

Given:

Configuration of sample problem I, paragraph A, Section 4.5.1.1. Additional characteristics are based on total
panel dimensions.

c'
e.g. at-;r

Compute:

Step 1.

c '.:, = 1.316
c

g' -=;- - 1.745
c

(X",) = _ 0.783
C f N

(X",) = 1.650
C r W(BJ

(X"') = 0.822
Cr BIW)

Xac'

c,'

"C"
-=-;- = 0.566
c

in
=-;; = 5.30
c

From Section 4.3.2.2; functions of wing·body geometry

From Section 4.3.1.2:

(CL.) N = KN' (CL .)', ;:

(CLa}WIBl = KWIBj ' (CLaY. ;l':
(CLQ)B(WI = KBIW)' (CLar.";:

The above parameters have been calculated in sample problem 1. paragraph A, Section 45.1.1.

S'
(CL .)', S: =.0664 (.896) = .0595 per deg

(CL.)N = 0.037 (.0595) = 0.0022 per deg

(CL.)w,.) = 1.08 (.0595) = 0.0643 per deg

(CL.).,W) = 0.14 (.0595) = 0.0083 per deg

From Section 4.3.2.2:

, (:,,) (CL.)N + (:,,) (C'.• )W'.I + (:,,) (CL.).'WI
x ll (' _ r s r Wl81 r Rl W\

----;: - (CL.)N + (CL.)w,.) + (CL.).,W)

.783 (.0022) + 1.650 (.0643) + .ll22 \.00II3)

0.0022 + 0.0643 + 0.0083

= 1.49

(equation 4.3.2.2.a)

4.5.2.1-3



\, ~ x' d
--_-,~ an

r

XPl:; - X"

c"

x, ~

c'
o

= ~" + (x.c') (':') _ ~' __ .25
c f c/ c' c'

(equation 4.5.2.I·b)

= 0 + 1.49 (1.316) - 1.745- .25

- 0.034

Xpc; --- X"

-p-
£11 X

+ --"'- = 5.30 (equation 4.5.2.I.e)
e" c"

:'tt.p .1. Solution for C""a

(CLir )' and (eLl\') n have befm calculated in sample problem 1, paragraph A, Section 4.5.1.1.

(e".)' = 0.0748 per deg

(CLa)" ~: ;;: (1 - ~:) = 0.0065 per deg (this value includes wake and wash effects calculated in

referenced problem)

~ - (- .034) (.0748) - (5.30) (.566) (.0065)

_C 0.0025 -- 0.0195

= - 0.0:;.1'0 per deg

2. Method 2 (b'/b" < 1.5)

Given:

(equation 4.5.2.I·d)

Configuration of sample problem 2, paragraph A, Section 4.5.1.1. Additional characteristica are based on total
panel dimensions.

c'
e.g. at 4"

£ = 138c' .
e"
c' = 0.343

g' -c' - 0.389
1"
C" = 5.32

(X"') = -0.333
e, N

(
,,") = 0.526
C r WIB)

(X"') = 0.356
C r IIIW)

1,.5.2.1·4

From Section 4.3.2;2; functions of wing·body geometry



Compute:

Step 1. x./-, :e,

From Section 4.3.1.2:

C ) - K ' C )' S:(La-1\- N(LaeS"

The above parameters have been calculated in sample problem 2, paragraph A, Section 4.5.1.1.

S '
(CL.): S. = (0.0405) (0.730) = 0.0296 per deg

(CL.)N= (0.67) (0.0296) =0.0198perdeg

(CL.)W(Bl = (1.l6) (0.0296) = 0.0343 per deg

(CL.)B(Wl = (0.27) (0.0296) = 0.0080 per deg

(-0.333) (0.0198) + (0.526) (0.0343) + (0.356) (0.0080)
= -'-----'---;0".onl"9"8'+,..,0"."0"343;;;;-'+--;;0."000=-'---'--'-----'-

= 0.230

, "
S

XC,I;-X dXe,;-]C.
tep2. c' an e"

XCI:' = 0
C'

XCI!: - x'
e'

Keg - X"

e"

= x" + (x.:) (e/) _L _ .25
c' c/ c' (5"

= 0 + (0.230) (1.38) _ 0.389 - .25

= -0.3216

/." ~
Cit + (equation 4.5.2.1~e)

e"
= 5.32

(equation 4.5.2.1-b)

Step 3. Solution for emir:

C x,.~x' [K +K +K ]'('C)' S:
rna = c' N W(8) D(ll') La e 51

X'"j:( - x"
e"

4.5.2.1·5



Using the above results and the parameters calculated in sample problem 2, paragraph A, Section 4.5.1.1
gives

Cm• = - (-0.3216) (1.497) (0.0405) (0.730)

\5.32) (0.343) [(1.45) (0.0667) (0.741) (0.277) (0.859) + (-0.01391]

= 0.0085 per deg

B. TRANSONIC

At transonic speeds the mutual interferences that exist between components can have pronounced effects upon the pitch
ing-moment characteristics of wing-body-tail combinations. The sensitivity of shock-wave position and strength to minor
configuration changes and the common occurrence of shock-induced boundary-layer separation have significant effects
on the pressure-loading variations and hence the pitching characteristics. At present the methods of predicting these
effects are either nonexistent or oversimplified. The downwash from the forward panel is also difficult to evaluate for
cases of mixed flow and/or separation over the forward panel.

DATCOM METHOD

It is recommended that the procedure outlined in paragraph A above be applied at transonic speeds.

C. SUPERSONIC

The information included in the Datcom accounts for most of the mutual interferences that occur between components
at supersonic speeds. In particular, the wing-body interferences have been accounted for by the slender-body inter
ference factors of Section 4.3.1.2. The wing-wing interference methods include the effects of the downwash field due to
lift, the downwash due to the local compressible flow field, Mach number, and the local dynamic pressure.

DATCOM METHOD

The equations presented in paragraph A for estimating the pitching·moment-curve slope of wing-bod)-tail combinations
are applicable to the supersonic speed regime.

4.5.2.1-6
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4.5.3 WING-BODY-TAIL DRAG

4.5.3.1 WING·BODY-TAIL ZERO-LIFT DRAG

The information presented in this section is for estimating the zero-lift drag coefficient of complete
configurations in the aerodynamically clean condition. In general it consists of a synthesis of material pre
sented in other sections. The methods are presented for a tail-aft configuration. The procedures to be
applied in treating canard configurations in the various speed regimes are noted.

The problem of estimating the zero-lift drag is one of accounting for the mutual interferences between com
ponents. The methods use basically the same approaches to account for mutual interferences at subsonic and
s~personic speeds as those of paragraphs A and C, respectively, of Section 4.3.3.1 for determining wing-body
zero-lift drag. The Datcom method at subsonic speeds consists of applying an interference correction factor
to the skin-friction and pressure-drag contributions of the exposed wing and body, and treating the tail
panels as exposed components. At supersonic speeds the zero-lift drag of the configuration is obtained by
adding the drag contributions of the exposed lifting surfaces and the isolated body. A simple fairing tech
nique is used to approximate the zero-lift drag rise through the transonic speed regime.

Discussions of the various applicable theories are given in Sections 4.1.5.1, 4.2.3.1, and 4.3.3.1 and are nol
repeated here.

It should be pointed out that the basic approach taken here is satisfactory for preliminary design stability
studies and that no attempt is made to provide methods suitable for performance estimates.

A. SUBSONIC (M " 0.70)

111e zero-lift drag of a wing-body-tail configuration is approximated by adding the wing-body zero-lift drag
determined by the method of Section 4.3.3.1 and .the drag contributions of the isolated tail panels deter
mined by the method of Section 4.1.5.1. Although the method for determining the wing-body contribution
includes interference correction factors based on experimental results for wing-body combinations, it should
be pointed out that most of the bodies were conventional, ogive-cylinder combinations of high fineness ratio,
and no detailed investigation has been made to evaluate body effects. The tail-body combination also
produces interference drag, but no explicit correction factors are presented for this effect. Chapter VII of
reference I discusses the interference drag produced by tail configurations at their junctions with the fuse
lage as well as in the corners formed by the intersection of horizontal and vertical tails. Tail-body interference
is compensated for to some extent in the Datcom by assuming that the average dynamic-pressure ratio at the
tail panels is unity.

The Datcom method is applicable to configurations employing the following two classes of wing planforms:

Straight-Tapered Wings (conventional, trapezoidal planforms)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings
Curved (Gothic and ogee) wings

Non-straight-tapered wing geometric parameters are presented in Section 2.2.2.

4.5.3.1-1



DATCOM METHOD

The suhsonic zero-lift drag coefficient of a complete configuration is approximated by

Coo = (Coo) WB + ~p (Coo) p

where the subscn!,t p refers to the tail panels. and

4.5.3.I-a

is the zero-lift drag coefficient of the wing-body configuration, based cn the reference area,
obtained from paragraph A of Section 4.3.3.1.

is the ,.co-hft drag coefficient of a tail panel, based or. the exposed panel geometry and
refer:ed to the reference area, obtained from paragraph A of Section 4.1.5.1. Applied in this
manner, equation 4.1.5.1-a is expressed as

where \<Swot lpt is the wetted area of the exposed panel. The Reynolds number used in

determining the turbulent flat-plate skin-friction coefficient is based on the mean aerodynamic
chord (c l of the exposed panel.

p •

The method is applied to tail-forward configurations by applying the wing-body method of Section 4.3.3.1
to the primary lifting-surface-body combination and the method of Section 4.1.5.1 to the exposed forward
panel.

Sample Problem

Given: A wing-body-tail configuration of reference 2, designated 53-series.

4.5.3.1-2

N
B .1



Wing Characteristics:

bw = 10.80 in. Xw = 0.40 Sw = SlOt = 38.89 sq in.

I(Swot) wl = 62.86 sq in.
o

lcw) = 3.55 in.
e

Aw = 3.0

A
LEw

= 53.13 0

(t/c)•• = 0.044 (t/c) @0.30c
max

A = 49.30
(t/elmax

Horizontal-Tail Characteristics:

A H = 3.994 bH = 5.56 in. ).H = 0.334 A
LEa

= 8.530

tIc = 0.03

(t/c)max @0.30c A =0(I/clmax

Vertical-Tail Characteristics:

Icy) = 2.305 in.
e

Ay = 1.356 by = 3.294 in. Xv .. 0.275 Au,," 56.550

t/c = 0.03

(t/c)max @0.30c

Body Characteristics:

e8 = 17.0in. d .. dm•• - 1.588 in. ~ = 1.174 in. S8 = 1.083 sq in.

(S) .. 23.63 sq in.
8 0

(S8)
o

-= 2182S .
8

(S8)
__e .. 0.6076

SlOt

S8
-- 0.0278
SlOt

Body ordinates: r [
2] 3/4

.. 0794 1-'1- ~\
• ~ 19.83i1

The bod y is modified by a 1.369-inch cylindrical extension at x .. 12.
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Additional Characteristics:

RQ = 0.393 x 106 per in.

M = 0.4,0.6,0.7

Compute:

Polished metal surfaces (assume k = 0)

Step I. Determine Cf for each component (Section 4.1.5.1) (For all components the admissible
roughness Q/k = "', and the skin-friction coefficient is obtained at the calculated RQI

Reynolds numbers

Wing:

Horizontal: RQ

(0.393 x 106 ) (ew) = (0.393 x 106 ) (3.55) = 1.395 x 106
,

(0.393 X 106 ) (e
H

) = (0.393 x 106 ) (1.296) = 5.09 x 105,

Vertical: RQ = (0.393 x 106)(ey ) = (0.393 x 106)(2.305) = 9.06 x 105,

Body: 6.68 X 106

Skin-friction coefficients as f{M) (figure 4.1.5.1 -26)

<9 (Cr) ler) (CrJ
M w H Y 8

0,4 0.00413 0.00495 0.00444 0.00315

0.6 0.00407 0.00488 0.00440 O.()()310

0.7 0.00404 0.00484 0.00436 0.00308

Step 2. Determine the skin-friction and pressure-drag contributions of the components. (Sec
tions4.1.5.1 and 4.2.3.1)

Wing: II +L(~)+ 100(:)1 1.05 (figure 4.1.5.1-26a, for L = 1.2)

Horizontal: [I +LG} 100(m H = 1.02 (figure 4.1.5. I -26a, for L = 1.2)

Vertical: [I +L(~)+100(zrL = 1.02 (figure 4.1.5.1·26a,for L = 1.2)
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Body: t 60 e
B
] t 60 ]1 + -- + 0.0025 - = I + -- + 0.0025 (10.7) =

(eB/d)3 d (10.7)3
1.0757

Step 3. Determine the lifting-surface correction factors. (Section 4.1.5.1)

Wing: cos A(l/e) = 49.30 = 0.6521
max

Horizontal: cos AO/e ) = cos (0) = 1.00
max

Vertical: cos AWel = cos 45.30 = 0.7034
mu

Lifting-surface correction factors as f(M) (figure 4.1.5.1 -28b)

to! (RLS~ (RLS)H (RLSA,

Q.4 0.960 1.10$ 1.000

0.6 1.002 I. ISO 1.044

0.7 1.0$8 1.20$ 1.098

Step 4. Determine" the wing-body interference correlation factor (figure 4.3.3.1-37

Re = 6.68 x JQ6 (calculated above)
1\..

M

0.40

0.60

0.70

1.028

0.988

0.963

Step 5. Determine the wing-body zero-lift drag exclusive of base drag. (Section 4.3.3.1)

[(Swet)w Ie

[

60 eB] (Ss >.
+ (Cr) 1 +-- + 0.0025 - -- RWB (equation 4.3.3. I-a)

B (eB/d») d Srer

= I(Cr)w (1.05)(RL.S'>w (1.616) + (Cr)B (1.0757)(0.6076)\ RWB

={(1.697)(Cr)w (RL.S'>w + (0.6536)(C r)BIRWB
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5B
(C ) ·C -DO Db S

WB ref

ICrl (RLS}w (Cfl RWB eq.4.3.3.1-aW B

M step 1 step 3 (1.697) 00 step 1 (0.6536) 0 step 4 <0+0>0

OA 0.00413 0.960 0.00613 0.00315 0.00206 1.028 0.00904

0.6 0.00407 1.002 0.00692 0.00310 0.00203 0.988 0.00884

0.7 0.00404 1.058 0.00725 0.00308 0.00201 0.963 0.00892 .

Step 6. Determine the base drag (based on S8) (Section 4.2.3.1)

COb = 0.029 (d;)/j::)b = 0.011~teqUation4.2.3.I-b)

[

60 ~ .J(S5)

(
CD) = (Cr ) 1 + --" +0.0025 ..l __" = (C r) (1.0757)(21.82)

r b B (~B/dr d SB 8
= (23.47) (Cr)

u

o o
CD

b

(Cr) eq.4.2.3.I·b8

M step 1
<23.47) (9 )0 0.0117/0B

0.4 0.00315 0.0739 0.272 0.0430

0.6 0.00310 0.0728 0.270 0,0433

0.7 0.00308 0.0723 0.269 0.0435

Step 7. Determine the total wing-body zero-lift drag using equation 4.3.3.I-a.
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o o o

(C) C ~
Cob SB

(COO) WB

C - (baed on Sref)0 0 - °b S (-onSB) ~ Sreewe ree

M step 5, coL ® Jtep 6, col. 0 CD (0.0278) 0+0
0.' 0.00904 0.0430 0.00120 0.0102'

0.6 0.0088. 0.0433 0.00120 0.01004

0.7 0.00892 0.0435 0.00121 0.01013

Slep 8. Delermine the horizontal- and vertical-tail zero-lift drag contributions.

= (Ce) (1.02) (RL s) (0.2667)
H •• H

(equation 4.1.5.I-a)

= (Ce\ II +L (~)+ 100m

4L(RL.S'>y

= (Ce) (1.02) (RL s) (0.2832)
y •• y

= (0.2889) (Ce) (RL S )
Y "y

(equation 4.1.5.I-a)

~DO)H (COo)y
(Ce) (RLs.) (baed on sm> (Crl (RLS) (baed on sreC>H H Y 'y

M step 1 Jtep 3 (0.2720)(3)0 "'pl Jtep3 (0.2889) G)0
Q.4 0.00495 U05 0.00149 0.00444 1.000 0.00128

0.6 0.00488 1.150 0.00153 0.00440 1.04' 0.00133

0.7 0.00484 1.205 0.00159 0.00436 1.098 0.00138
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SolutIOn

(equation 4.5.3.I-a)

fcu ) + fCD ) + fcu )
\ 0 WB \ 0 H \ 0 v

(coo)WB
CD

(COo)H (cooL
0

(based on Sref)

M step 7. col 0 step 8, col 0 step 8, col (2) 0+0+0
0.4 0.01024 0.00149 0.00128 0.0130

0.6 0.01004 0.00153 0.00133 0.0129

I 0.7 0.01013 0.00159 0.00138 0.0131

The calculated results are compared with test values from reference 2 in figure 4.5.3.1-18.

B. TRANSONIC (0.7 " M " 1.1)

Interference effects in the transonic range are generally greater than those in the subsonic range. This is due
to the higher local velocities over the individual components and the greater propagation of the associated
perturbations from the.ir source. Furthermore, large supersonic flow regions often exist that contribute sub
stantially to the wave drag. These effects may be accounted for by the application of the area-rule method.
whereby the zero-lift drag of a wing-body-tail combination can be calculated as though the combination
were a body of revolution with equivalent-area cross sections.

Application of the area-rule method for computation of transonic zero-lift drag is discussed in paragraph B
of Section 4.3.3.1 and will not be repeated here, Since the method is quite tedious to compute by hand,
automatic computing equipment is invariably used.

There is no general method available for determining the interference drag between components at transonic
speeds. The method of approach used in Section 4.3.3.1 to determine transonic wing-body zero-lift drag
could be extended to include the contributions of the tail panels in a manner similar to that used in para
graph A. However, such a method is considered to be unwarranted in view of the approximate nature of the
results in conjunction with the labor required to apply the method.

The Datcom method has been selected for its ease of application. The degree of accuracy of the Datcom
method should be equivalent to that using the build-up procedure discussed above.
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DATeOM METHOD

An indication of the wing-body-tail zero-lift drag coefficient at transonic speeds may be obtained by the
followmg procedure:

Step I. Calculate the zero-lift drag coefficient over the subsonic and supersonic speed regimes by the
methods of paragraphs A and C, respectively.

Step 2. Obtain the drag-divergence Mach number Mo from figure 4.5.3.1 -19 as a function of wing
geometry and general wing-body configuration.

Step 3. Obtain the zero-lift drag coefficient at Mo by

(Coot = (CoO)M=O.7 +0.002
o

4.5.3. I-b

Step 4. Using the information determined in steps I through 3 as a guide, construct the approximate
zero-lift drag coefficient for the range of Mach numbers between 0.7 and 1.1. The CD vs

o
M curve is faired tangent to a line whose slope is 3Co 13M = 0.10 passing through (Coo) M

o
Equation 4.5.3.I-b for determining (CQ ) is arbitrary, since for all configurations an initial drag rise at

\ 0, M

M. = 0.7 is assumed, and the drag-rise inc~ment ACo 0 = r(Cr> 0) -(CD 0) .JiS assumed to be 0.002.

(See sketch (all. r MOM.

The method is applicable only to tail-aft configurations with straight-tapered wings.

---t--_

M = 1.J

M

SKETCH (al

Sample Problem

Given: The configuration of the sample problem of paragraph A. Some of the characteristics are repeated.

Aw = 3.0 >'w = 0.40 (Ac/'lw = 49.8°

4.5.3.1-9



Comput~:

lJ.044 Swept wing design wi thou t area rule

M
D

~ 0.96 (figure 4.5.3.1-19)

0.0131 (sample problem, paragra~h A)

(cD ) + 0.002 (equation 4.5.3.I-b)
o M==O.7

0.0131 + 0.002

0.0151

The zero-lift drag coefficient is constructed for the range of Mach numbers between 0.7 and 1.1 in figure
4.5.3.1-18.

C. SUPERSONIC (M '" 1.1)

lbe area-rule method, discussed in paragraph B of Section 4.3.3. i, has been adapted to supersonic speeds to
allow the computation of the zero-lift drag of complete configurations at supersonic speeds. The resulting
method, termed the "supersonic area Tule" gives wave drag, including aerodynamic interferences, at a given
Mach number.

Application of the "supersonic area rule" requires automatic computing equipment. A general discussion of
the method and the steps required to prepare the machine input and to interpret the computed drag values
are given in paragraph C of Section 4.3.3.1.

The method presented is essentially the same as that of paragraph A of this section. The zero-lift drag of
exposed tail panels determined by the method of Section 4.1.5.1 is added to the wing-body zero-lift drag
determined by the method of Section 4.3.3.1.

The Datcom method may be applied to configurations having the following classes of wing plan forms:

Straight-Tapered Wings (conventional, trapezoidal plan forms)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings
Curved (Gothic and ogee) wings

Non-straight-tapered wing geometric parameters are presented in Section 2.2.2.

It is assumed that the average dynamic-pressure ratio at the tail panels is unity.
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DATCOM METHOD

The supersonic zero-lift drag coefficient of a complete configuration is approximated by equation 4.5.3.I-a;
Le.,

Coo = (COO)WB +2: p (COO)p

where the subscript p refers to the tail panels,and

(CD) is the zero-lift drag of the wing-body configuration, based on the reference area, obtained
\ 0 WB from paragraph C of Section 4.3.3.1.

is the zero-lift drag coefficient of a tail panel, based on the exposed pl.nel geometry and
referred to the reference area, obtained from paragraph C of Section 4.1.5.1. In applying this
method the Reynolds numbers used in determinina the turbulent flat-plate skin-friction coef-
ficients arc based on the mean aerodynamic chord (e J of the eXl!osed panels, and the
wetted areas are the exposed wetted areas of the parl'el~ I(Sw.t Jpl •.

The method is applied to tail-forward configurations in the same manner as noted at the conclusion of para
graph A.

Sample Problem

Given: The configuration of the sample problem of paragraph A. Some of the characteristics are repeated.

Wing Characteristics:

Sw = S..r = 38.89 sq in. (Sw ) = 31.43 sq in.
•

ALE = 53.130 (ew) = 3.55 in.
•

= 0.044
(Sw )

• = 0.808

I{~.t Jwl. =

I(Sw")wl.
=

Srer

62.86 sq in.

1.616

Horizontal-Tail Characteristics:

(S8) = 5.186 sq in.
•

ALE = 8.530 (e8) = 1.296 in. tIc = (t/c).rr = 0.03
8 •

(S8) I{s....,) I
• 0.1333

8 •
= 0.2667-- =

S S..rr.r
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Vertical-Tail Characteristics:

(Sy) = 5.507 sq in., [(Sw,t)y] = 11.014sqin.,

ALE = 56.550
y

(Sy)
•-S- = 0.1416

",r

Body Characteristics:

= 2.305 in.

0.2832

tic = (t/c).rr = 0.03

2a 17.0 in. d = dmax 1.588 in. db = 1.174 in. Sa = 1.083 sq in.

2A = 7.0 in. 2 = 10.0 in. fA = 2A /d = 4.408 fN = 2N/d 6.297N

170
(S.). Sa

ON (S.) = 23.63 sq in. -=0.6076 -= 0.0278
• Sref S..r

21.82

Additional Characteristics:

R2 ~ 0.250 x 106 per in. Polished metal surface (assume k = 0)

M

Compute:

1.10

0.458

1.20

0.663

1.30

0.831

1.40

0.980
Biconvex airfoils

Step I. Determine C! for each component (Section 4.1.5.1) (For all components the admissible
roughness 2{k = "'. and the skin-friction coefficient is obtained at the calculated R2')

Reynolds number

Wing: R2 (0.250 x 106) (ew) = (0.250 x 106) (3.55) = 8.875 x lOs
•

Horizontal: R2 (0.250 x 106) (eH) = (0.250 x 106) (1.296) = 3.24 x lOs
•

Vertical: R2 = (0.250 x 106) (ey ) = (0.250 x 106) (2.305) = 5.76 x lOs
•

Body: R2 = (0.250 x 106) (2a ) = (0.250 x 106) (17.0) = 4.25 x 106
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Skin-friction coefficients (figure 4.1.5.1 -26)

(Cr) (Cr) (Cr) (Cr)M w H V B

1.10 0.00417 0.00503 0.00450 0.00317

1.20 0.00411 0.00498 0.00443 0.00312

1.30 0.00404 0.00490 0.00436 0.00307

1.40 0.00397 0.00482 0.00429 0.00302

Step 2. Determine the skin-friction drag coefficients of the lifting surfaces, based on Srer' (Sec
tion 4.3.3.1)

(Sw.t)
•CD = Cr (equation 4.3.3.1-0

r SICr

Wing:

Horizontal: (CD r)H (Cr)
[(Sw.t)Hl.

=
H SICr

(CDr)v
(Cr)

[(Sw.t\I.
Vertical: =

v SICr

= 0.2667 (Cr)
H

= 0.2832 (Cr)
v

Step 3.

M
(CDr~ (CDr)H (cDrt

1.10 0.00674 0.00134 0.00127

1.20 0.00664 0.00133 0.00125

1.30 0.00653 0.00131 0.00123

1.40 0.00642 0.00129 0.00121

Determine the wave-<lrag coefficients of the lifting surfaces, based on S r' (Section 4.3.3.1)
(Since all lifting surfaces are conventional, straight-tapered planforms, t~e subscript bw used
in Section 4.3.3.1 has been dropped.)

Wing:

16 .• iI 5K = '3 (biconvex alr,o . See table, paragraph C, Section 4.1. .1.)
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(3 cot ALE < 1.0 for all M
w

; KcotALEw(~)2 (SSw). (equation4.3.3.I-i)
err ref

16
; cot 53.130 (0.044)2 (0.808) = 0.00626

3

Horizontal

16
K ; - (biconvex ai:foil)

3

(3 cot ALE > 1.0 for all M
H

K (t) (SH).

(CD) ; - - -- (equation 4.3.3.I-h)
w H (3 C!f Sref

'6- (0.03)2 (0.1333) ;
3(3

0.000640

(3

M 1,10 1.20 1.30 lAO

(3 00458 0.663 0.831 0.980

(Cn w) H
0.00140 0.000965 0.000770 0.000653

Vertical.

16
K ; (biconvex airfoil)

3

(3 cot ALE < 1.0 for all M
v

; K cot ALE I. i'j2
V \ctrr (equation 4.3.3. I-i)

16
- cot 56.55 0 (0.03)2 (0.1416) = 0.000449
3

Step 4. Determine the zero-lift drag of the lifting surfaces by combining the results of steps 2 and 3.

(c ) (c + C n ) (based on S..r) (equation 4.3.3.1-0)
Do lifting Of w liftins

surfaf'e surface
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WING HORIZONTAL VERTICAL

(0 0 CD 0 0 CD (2) 0 0) @

(COr)w (COW)w (COo)w (COr)H (COW)H (Coot (COr)y (COW)y (Coo) y

M step 2 step 3 0+0 step 2 step 3 0+0 step 2 step 3 CD+®
1.10 0.00674 0.00626 0.01l00 0.001l4 0.00140 0.00274 0.00127 0.000449 0.00172

1.20 0.00664 0.01290 0.00133 0.000965 0.00230 0.00125 0.00170

1.30 0.00653 0.01279 0.001l1 0.000770 0.00208 0.00123 0.00168

1.40 0.00642 0.01268 0.00129 0.000653 0.00194 0.00121 0.00166

Step 5. Determine the body zero-lift drag coefficient.

Skin-friction coefficient (see step I)

Wave-drag coefficients (method 2, paragraph C, Section 4.2.3.1)

Forebody

fN : 6.297

KN : 1.012 (figure 4.2.3.1-63)

0)

/3trN Co [eN 2 +':rN CDN2 4 N2

M /l o /6.297 n,. 4.2.3.1-61 o /40.38

1.10 0.458 0.073 1.130 0.0280

1.20 0.663 0.105 t.t24 0.0278

1.30 0.831 0.1l2 I.1t2 0.0275

1.40 0.980 0.156 1.100 0.0272
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Afterbody

~ IfA
2

CoCD (fA)
A A

M ~ 0) 14.408 fig. 4,2,3.1-64 CD 119.43

1.10 0.458 0.104 0.297 0.0153

1.20 0.663 0.150 0.290 0.0149

1.30 0.831 0.189 0.265 0.0136

1.40 0.980 0.222 0.248 0.0128

Nose bluntness
C : 0 (no bluntness)

ON
1

Afterbody interference-drag coefficient

(
2£ A) 2: [(2) (7.0)] 2

d 1.588
77 72' 2 : 10.0 : 1.429; (dd

b
)

2
: (0.739)2 : 0.546

. , £ A 7.0

(
2£ ) 2

Co ~: 0.350 (figure 4.2.3.1443)
A(NC) d

Co : (0.350)/(77.72) : 0.00450
A(NC)

Base-drag coefficient

fA : 4.408; (db /d)2 : (0.739)2 : 0.546

Co : -C (d
b
)2 (equation 4.2.3.I-g)

b Pb d



0)

C
Pb Co

b

Oa:. 4.2.3 .1-60. cq.4.2.3.1-g
M interpolated (2) (0.546)

1.10 -0.101 0.055 I

1.20 -0.101 0.0551

1.30 -0.101 0.0551

1.40 -0.101 0.055 I

+ ('0 (based on SO)
b

(equation 4.2.3.I-h)

0) o o CD

(Ss~ (Coo)o

(Cr)
(Cr) -

0 o So
C CD eq.4.2.3.1-h
. ON Co C Co 0+0+0+0+0+0M stept 0) (21.82) 2 A °A(NC) N I b

1.1 0.00311 0.0692 0.0280 0.0153 0.00450 0 0.0551 0.1121

1.2 0.00312 0.0681 0.0278 0.0149 0 0.1104

1.3 0.00307 0.0670 0.0275 0.0136 0 0.1677

1.4 0.00302 0.0659 0.0212 0.0128 0 0.1655

Solution:

Co = (CD) + Ep (CD) (based on S"r) (equation 4.5.3.I-a)
o \ 0 wo \ 0 p
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(i) (i)

SB Co

i(COO)H (cooL (COO)B (cDO)o Sref

0

(Cuo)w eq.4.5.3.t-a

i " step 4 step 4 step 4 step .5 CD (0.0278) 0+0+0+8
1.10 0.01300 0.00274 0.00172 0.1721 0,00478 0.02224

1.20 0.01290 0.00230 O.OO17G 0.1704 0.00474 0.02164

1.30 0.01279 0.00208 0.00168 0.1677 0.00466 0.02121

1,40 0.01268 0.00194 0.00166 0.1655 0.00460 0.02088

The calculated results are compared with test values from reference 2 in figure 4.5.3.1-18.
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4.5.3.2 WING-BODY-TAIL DRAG AT ANGLE OF ATTACK

The information contained in this section is for estimating the drag coefficient of complete vehicle
configurations at angle of attack.

The total vehicle drag at angle of attack consists of the following items:

I. wing-body zero-lift drag
2. wing-body induced drag
3. vertical stabilizer zero-lift drag
4. horizontal-stabilizer zero-lift drag
5. horizontal-stabilizer induced drag

The aerodynamic phenomena associated with, and methods for estimating Items 1-3 are presented
in Sections 4.1.5.1, 4.3.3.1, 4.3.3.2, and 4.5.3.1 and are not repeated here.

A vehicle in non-maneuvering flight has the horizontal stabilizer or elevator deflected such that the
sum of all moments about the vehicle center of gravity is zero. The pitching moment required to
trim arises from the tail-lift and drag vectors and the position of these vectors with respect to the
vehicle center of gravity. The method presented in this section is concerned primarily with the
estimation of the dnig increment resulting from the horizontal-stabilizer contribution required to
trim the vehicle (Cm cg ; 0) at usable lift coefficients. A tail-aft configuration is assumed.

The equations pertinent to trim drag presented herein are applicable at all speeds. The method is
restricted only by the limitations imposed upon the parameters in other sections of the Datcom. Of
course, wing-body test values at the appropriate angle of attack are preferred.

DATCOM METH06

All Speeds

The drag coefficient of a wing-body-tail configuration at angle of attack is given by

C ; (C) + (C ) +(C) + AC
D DO WB DO V D i WB D trim

where all coefficients are based on total wing area, and

4.5.3.2-a

is the wing-body zero-lift drag coefficient obtained from Section 4.3.3.1.

is the vertical-stabilizer zero-lift drag coefficient obtained from Section 4.1.5.1
(see Section 4.5.3.1 for proper treatment of this term).

is the induced drag coefficient of the wing-body combination obtained from
Section 4.3.3.2.

4.5.3.2-1
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i:) the drag-L'ocffil'il~nt incrcIllc'nt hetwecn the drJg coefficient of the complete
vl'hil'lL' ill pikh equilibriulll and till' drag coefficient of the wing-body-vertical
tail configuration.

4.5.3.2-b

(
I) II

C
[II

is the horizontal-stabilizCf drag coefficient, based on total horizontal-stabilizer
area and taken relative to the local-flow direction at the horizontal stabilizer.

is the horizontal-stabilizer lift coefficient requireu to trim, based on total
horizontal- stabilizer area and taken relative to the local-flow direction at the
horizontal stabilizer.

is the average downwash angle at the horizontal stabilizer, obtained from
Section 4.4.1.

is the ratio of total horizontal-stabilizer area to total wing area.

is the average dynamic- pressure ratio at the horizontal tail, obtained from

Section 4.4.1.

TIll' horizontal-stabilizer drag coefficient is given by

Co = (CD) + (CD )
H 0 H j H

where

4.5.3.2-c

is the horizontal-stabilizer zero-lift drag coefficient obtained
4.1.5.1 (see Section 4.5.3.1 for proper treatment of this term).

is the horizontal-stabilizer induced-drag coefficient given by

(C
LH

) 2

(C ) =
OJ H TlAHcH

from Section

4.5.3.2-d

where

is the geometric aspect ratio of the horizontal stabilizer.

is Oswald's efficiency factor for induced drag of the horizontal tail. No method
presently exists for determining this parameter. For purposes of the Datcom
eH = 0.50 for a horizontal stabilizer mounted on a body, and 0.70 for a

horizontal stabilizer mounted on the vertical stabilizer.

4.5.3.2-2



The horizontal-stabilizer lift coefficient required to trim is given by

=

1 +

where

,~(n-.H"]

4.5.3.2-e

(c) is the wing-body pitching-moment coefficient given by
m WB

where

4.5.3.2-f

is the wing-body pitching-moment-curve slope obtained from Section
4.3.2.2.

is the wing-body zero-lift pitching-moment coefficient. This parameter
must be obtained from test data on a similar configuration or from
Section 4.3.2.1.

is the wing-body lift coefficient given by

where

(c) = (C) (Cl - Cl )
L WB La WB 0 WB 4.5.3.2-g

Cl WB

is the wing-body lift-curve slope, obtained from Section 4.3.1.2.

is the wing-body zero-lift angle of attack obtained from the
wing-alone data of Section 4.1.3.1 *.

is the wing-body angle of attack.

-Test deta from a similar configurBtton should be used jf available. Wing surtec. velocity is increased bv the presence of the fuselage;
therefore, when the fuselage is below the wing the lift is reduced and with the fuselege above the wing the lift will be increased. This
effect is generally Imall unless wing-mounted bodies such IS stores or nacelles are close to tt\e fuselage or to each other.

4.5.3.2-3



is the distance between the vehicle center of gravity and the
quarter-chord point of the horizontal-stabilizer MAC (see Figure
4.5.3.2-4).

is the angle defined by the intersection of x" with the FRP (see
Figure 4.5.3.2-4).

The drag increment due to longitudinally trimming a vehicle is used in conjunction with the lift
increment required for trim to obtain points on the trimmed drag polar. The procedure used to
obtain points on the trimmed drag polar is illustrated in Sketch (a).

~ /f'.~ '1"\-2 ~ 2
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CD

/
a

SKETCH (a)

\
(+) 0 (-)

Point I represents the horizontal tail-off trimmed condition (Cm W B = 0). To trim the vehicle at
Point? the drag polar is corrected for the horizontal-tail load required to apply ACm • This tail load

is (see Figure 4.5.3.2-5)

ACD trim

where the lift increment required to trim is

4.5.3.2-4
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VIEW IN PLANE OF SYMMETRY

a = Airplane angle of attack (positive as shown)

xH = Distance from e.g. to quarter-chord point of horizontal-stabilizer MAC

n = Angle defined by intersection of xH with FRP (positive as shown
with horizontal stabilizer above e.g.)

fiGURE 4.5.3.2-5 DEFINITION SKETCH FOR TRIM DRAG CALCULATIONS
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4.6 POWER EFFECTS AT ANGLE OF ATTACK

The propulsion unit has many important influences upon the aerodynamic parameters of a
vehicle, other than its main function of overcoming drag. The stability and control characteristics
in particular can often be affected significantly by the effects of power.

This section presents methods for analyzing the power effects of jet- and propeller-propulsion
units. In order to apply the Datcom methods, it is necessary to have experimental results for or
to be able to estimate power-off lift and drag-force characteristics of the wing.

The power effects arising from propeller operation are frequently large enough to warrant
consideration in preliminary analysis, especially in take-off and landing configurations. The
propeller wash usually interacts with the flow around several of the airplane components,
creating numerous separate effects that must be evaluated.

Propeller and propeller-wash characteristics are dependent upon several factors, such as blade
shapes, fin effects, flow entrainment, and propeller rotating properties (dual rotating, counter
rotating, etc.). These factors have prevented the formulation of a complete and accurate
theoretical analysis. Consequently, propeller and propeller-wash effects are usually estimated by
empirical methods.

The majority of the experimental data used to formulate the methods and design charts for
propeller effects in this section were based on single-engine flaps-up configurations, because of a
scarcity of adequate flaps.<Jown data on single- or multiple-engine configurations. Consequently,
the accuracy of the method for evaluating the power effects for flaps.<Jown configurations is
unknown. Methods are presented in Section 9.2 for evaluating the power effects of
V/STOL-type aircraft configurations. For flaps.<Jown configurations the methods of Section 9.2
should be used, since they will probably give a more accurate evaluation of the propeller power
effects.

Although many of the power effects arising from propellers are undesirable, i.e., destabilizing,
some are advantageous. For instance, large increases in maximum lift can be obtained from wing
sections immersed in the propeller slipstream with the propeller operating at high-power condi
tions.

The power effects from jet-propelled aircraft are generally easy to analyze and have relatively
minor effects on the stability and control characteristics of a vehicle. The increased simplicity is
due to the elimination of the propeller and of the complex flow region of its slipstream on the
wing, tail, and other surfaces. Jet-propelled aircraft are designed to keep the jet exhaust at a safe
distance from the horizontal tail because of its extreme heat. Therefore, slipstream problems are
minimized.

The Datcom methods presented in the following sections estimate the propeller effects at
subsonic speeds and the jet effects at subsonic and supersonic speeds on the lift, drag, and
pitching moments of a vehicle. By using the methods presented, a variety of vehicle and
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power-plant configurations can be evaluated. These include conventional tail-aft aircraft and
canard aircraft, having tractor, pusher, and single- and multiple-power plants. Positive- and nega
tive-thrust and windmilling conditions for propellers are included. Reverse-thrust conditions that
cause large interferences and flow separation cannot be evaluated by the methods presented in
the following sections.

A general notation list and reference list are included in this section for all power-effects
sections. Figures 4.0-12 and 4.6-13 indicate the geometric data required by the methods of these
sections. Figure 4.6-12 specifically illustrates the geometric data required for calculating the wing
area immersed in the slipstream.

NOTATION

SYMBOL

A

AH

AI

Ai

a

bH

bi

bp

CI , Cz

CD

CD
b

CD
L

CD
0

4.6-2

DEFINITION

aspect ratio

aspect ratio of horizontal tail

engine inlet duct area

effective aspect ratio of the immersed wing

inflow factor

span of horizontal tail, ft

span of immersed wing, ft

blade width, ft

constants for determining downwash

drag coefficient

base drag coefficient

drag-coefficient due to lift

zero-lift drag coefficient



SYMBOL

(.:lCI)N P

(.:lCL )q

(.:lCL)T

DEFINITION

increment in zero-lift drag coefficient

increment in skin-friction drag caused by change in dynamic pressure

local skin-friction drag coefficient

lift coefficient

propeller lift coefficient

wing lift coefficient

change in lift coefficient due to horizontal tail

increment of maximum lift due to power effects

irtcrement in lift due to the turning of the free-stream flow at the engine inlet

increment in lift due to propeller normal force

change in lift coefficient due to the change in slipstream dynamic pressure

)
increment in lift due to thrust

Iift-eurve slope of the power-Qff lift curve

Iift-eurve slope of the horizontal tail

increment in lift due to the upwash or downwash of the propeller flow field

increment in lift due to jet interference effects

pitching-moment coefficient
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SYMBOl

(c)0'0
<ilea noJ

immersed

( c0'0)
wing
body

(~Co') N P

(~Co' )q

(~Co') T

DEFINITION

zero-lift pitching-moment coefficient of the components immersed in the
slipstream

zero-lift pitching-moment coefficient of the area not immersed in the slipstream

zero-lift pitching-moment coefficient of the wing-body combination

total change in pitching-moment coefficient of the horizontal tail

increment in pitching-moment coefficient due to the immersed-wing lift
increments

increment in pitching-moment coefficient due to propeller normal force

increment in pitching-moment coefficient due to the change in slipstream

dynamic pressure

increment in pitching-moment coefficient due to the offset of the thrust axis
from the origin of the axes

increment in pitching-moment coefficient due to a change in the dynamic
pressure on the horizontal tail

increment in pitching-moment coefficient due to a change in the downwash at
the horizontal tail

propeller normal-force coefficient

propeller normal-force derivative

[(
CN or) ] propeller normal-force derivative based on KN

p KN"80.7

average chord of immersed wing section

mean aerodynamic chord, MAC

4.6-4
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SYMBOL

Carea not
immersed

f

h

K

M~

n

n'

p

q

.<1q

DEFINITION

mean aerodynamic chord of the horizontal tail

mean aerodynamic chord of the wing area not immersed in the slipstream

propeller-inflow factor

altitude

incidence of the horizontal tail

incidence of the thrust axis

incidence of the wing

maxirnum-lift empirical constant

nacelle or fuselage empirical constant

propeller drag factor

empirical normal-force factor

distance from axes origin to quarter-chord point on the mean aerodynamic
chord of the horizontal tail

free-stream Mach number

number of engines

load factor

pressure

change in pressure

dynamic Dressure

change in dynamic pressure
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SYMBOL

R'
J

S

T

T'
o

v

v:
J

w

x;

4.6-6

DEFINITION

radius of jet orifice

radiu; of equivalent jet orifice

propeller radius

reference area

area of portion of horizontal tail immersed in propeller slipstream

total surface area immersed in the slipstream

propeller disk area

wing area

wing planform area including and directly forward of flap area

thrust per engine

thrust coefficient per engine

velocity

actual jet velocity

equivalent jet velocity

weight

longitudinal distance from the jet exit to the quarter-chord point of
horizontal-tail mean aerodynamic chord

longitudinal distance from jet-wake origin to quarter-chord point of hori
zontal-tail mean aerodynamic chord

longitudinal distance from quarter-chord point of wing mean aerodynamic
chord to leading edge of engine inlet

longitudinal distance from jet-wake origin to jet exit, usually considered to
be 4.6 times the orifice exhaust radius



SYMBOL

Z
H elT

z.

DEFINITION

longitudinal distance from intersection of propeller plane with thrust axis
and the quarter-ehord point of the wing mean aerodynamic chord

longitudinal distance from moment-reference-center location to the aero
dynamic center of the wing area immersed in the slipstream, positive for the
aerodynamic center forward of the moment reference center.

spanwise distance from thrust axis to fuselage center line

vertical distance from X-axis to quarter-ehord point of horizontal-tail mean
aerodynamic chord

vertical distance from quarter-ehord point of horizontal-tail mean aero
dynamic chord to the slipstream center line

vertical distance from propeller thrust axis to <Iuarter-ehord point of
horizontal-tail mean aerodynamic chord

vertical distance from jet thrust axis to quarter-chord point of horizontal-tail
mean aerodynamic chord

vertical distance from X-axis to propeller-sIipstream center line at the
quarter-chord point of the wing mean aerodynamic chord

vertical distance from propeller thrust axis to coordinate origin

vertical distance from the quarter-chord point of the wing mean aerodynamic
chord to the coordinate origin

angle of attack

angle of attack at zero lift

angle between thrust axis and direction of local velocity

angle between direction of local airstream and thrust axis

angle between thrust axis and direction of free stream

wing angle of attack

angle of attack at maximum lift
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SYMBOL

f

b

H

L

N

4.6-8

DEFINITION

propeller blade angle at 0.7 S radius

downwash at the quarter-<:hord point of the horizontal-tail mean aerodynamic
chord

downwash angle behind the propeller

upwash angle ahead of wing

effective downwash over the wing span

downwash increment

mean-effective-downwash increment

mean-effective-downwash ratio

propeller-downwash gradient

upwash gradient

taper ratio of the horizontal tail

sweep angle of the wing quarter-chord

sweep angle of the horizontal-tail quarter-chord

SUBSCRIPTS

base conditions

horizontal tail

immersed in slipstream

lift

normal force



SYMBOL

s

T

w

ex

00

DEFINITION

propeller normal force

slipstream conditions

thrust

wing

angle of attack

free""ltream conditions
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tlevised September 1970

4.6.1 POWER EFFECTS ON LIFT VARIATION WITH ANGLE OF ATIACK

A. PROPELLER POWER EFFECTS ON LIFT

The primary purpose of a propeller is to develop thrust. In perfonning this function, the
propeller often causes pronounced changes in the aerodynamic characteristics of a vehicle.

The effects of a propeller on the forces and moments acting on a vehicle may be divided into
two groups, those due to the direct action of the propeller forces and those due to the propeller
slipstream.

The first group includes the forces and moments due to the thrust vector and the forces and
moments acting on the propeller as a result of its inclination to the oncoming stream. When a
propeller is placed at an angle of attack, a force results nonnal to the thrust axis in the vertical
plane. A pitching moment and a yawing moment also result. These forces and moments act on
the propeller because of the unsymmetrical loading on the blades as a function of their
rotational position. For counterrotating propellers the nonnal forces and pitching moments are
additive. but the yawing moments cancel. These forces· and moments are generally functions of
propeller geometry.

The second group, those due to slipstream effects, depends greatly upon the component
arrangement of the vehicle. However, the following generalizations can be made.

The dynamic pressure behind the propeller may be greater or less than the free-<itream
dynamic pressure, depending upon whether the propeller is delivering positive or negative
thrust, respectively. The forces and moments acting on airframe components immersed in
the slipstream are directly proportional to the slipstream dynamic pressure.

Because of the nonnal force acting on a propeller at angle of attack, a downwash field is
generated behind the propeller plane. This downwash field changes the angle of attack of
the airframe components operating in the propeller slipstream.

The method presented in this section for estimating propeller power effects on lift is based on a
tail-last configuration. The method was taken from reference I, which was developed from
reference 2. The method predicts increments of lift for given values of thrust coefficient and
angle of attack in the linear range. The effect of power on maximum lift is given in
Section 4.6.2.

DATCOM METHOD

The Datcom method estima tes the power-on lift curves based on power-off lift curves as a
function of angle of attack, thrust coefficient, and lift cOefficient.
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This method analyzes the increments of lift coefficient due to propeller power effects in the
following order:

I. Lift component of the thrust

2. Lift component of the propeller normal force

3. Change m angle of attack of the section of the wing in the propeller slipstream, due to
the down wash flow field behind the propeller

4. Change in dynamic pressure over the section of the wing in the propeller slipstream

5. Change in lift due to down wash and changes in dynamic pressure acting on the
horizontal tail

After the above lift increments for a given angle of attack have been calculated, the accumulated
total is then applied to the power-off lift curve to obtain a point on the power-on lift curve.
After several points have been generated (by considering several angles of attack), the linear
section of the power-on lift curve is obtained for a given thrust coefficient.

The above increments in lift can be determined by the following steps. (Reference should be
made to figure 4.6-13a for geometric definitions. In all cases the lift increments are based on the
wing reference area.)

Step I. Calculate the lift component of thrust as follows:

a. Calculate the angle of attack of the thrust axis aT measured from the free-stream
direction by

b. Calculate the thrust coefficient per engine T: (if not given or assumed) by

T' =c

where the thrust per engine T is a given or chosen quantity.

c. Calculate the lift component of thrust by

4.6.I-a

4.6.I-b

4.6.I-c

where n is the number of engines. This equation is valid only when the thrust
coefficients and the angles of attack of the thrust axis to the free stream are equal
for all n engines.
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Step 2. Calculate the tift component of propeller normal force per engine as follows:

a. Calculate the empirical normal-force factor KN per blade (usually supplied by the
propeller manufacturer) by

KN = 262
/

:
p

)

\ p .3R
p

+ 262 (:p)
p 6R• p

+ 135 (:p)
p .9R

p

4.6.1-<1

where the subscript indicates the radial position from the center of the propeller
where the blade width bp is to be evaluated.

b. From figure 4.6.l-25a (taken from reference 3) obtain a value for the propeller
normal-force coefficient [(CN )] • based on KN = 80.7. as a function of

" p KN = 80.7

propeller blade angle and type of propeller.

c. Calculate the true propeller normal-force coefficient (CN,,)P by

d. Evaluate the propeller correlation parameter defined as

e. From figure 4.6.l-25b (taken from reference 3) obtain a value for the propeller
inllow factor f as a function of the propeller correlation parameter evaluated above
(step 2.d).

f. Calculate the propeller disk area Sp by

4.6.1-f

g. Calculate the angle of attack of the propeller plane (local airstream to thrust axis)
a p by

<leu
a p = aT + aa (aw - a o) 4.6.111
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where the upwash gradient 3fu/3a at the propeller may be obtained in Section 4.4.1
and

h. Calculate the lift component of the propeller normal force by

4.6.I-h

'\
57.3

4.6.I-i

For multiple-engine configurations the total lift component of the propeller normal
force is found by summing the single components due to each engine.

Step 3. Calculate the increment of lift due to the change in angle of attack on the wing ind need
by the propeller flow field per engine as follows:

a. Calculate the upwash gradient 3fp/3a p by

4.6.I-j

where the constants C1 and C2 are obtained from figure 4.6.1-26 as a function of
the propeller correlation parameter. The parameter (CN")p is obtained from
step 2.c.

b. Calculate the downwash f p behind the propeller by

4.6.I-k

where the angle of attack of the propeller plane a p is determined in step 2.g.

c. Calculate the change in the wing angle of attack tJ.aw ahead of or behind the
propeller by

4.6.1-2

d. Calculate the angle of upwash f u at the propeller by

4.6.I-m
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e. Calculate the vertical distance from the X-axis to the propeller slipstream center line
at the quarter-ehord of the wing MAC by

4.6.I-n

It should be noted that this equation is based on the assumption that the upwash
and downwash are constant from the propeller to the quarter-ehord of the MAC.

f. Calculate the span of the immersed wing bi by

I 1
1/2

bi = 2 R~ - (z, + Zw )2

g. Calculate the immersed wing area Sj by

4.6.1-0

4.6.I-p

h. Calculate the effective aspect ratio Ai of the wing immersed in the slipstream (see
figure 4.6-12) by

4.6.1 "<\

i. From figure 4.6.1-27 obtain a value for the empirical constant K1 accounting for a
naCelle or fuselage as a function of the wing and immersed-wing aspect ratio and the
propeller correlation parameter (step 2.d).

j. Calculate the gain or loss in slipstream dynamic pressure ~q./qoo by

= (per engine) 4.6.I-r

k. Calculate the change in wing lift due to the upwash or downwash of the propeller
flow field per engine by

4.6.I-s

where CLQ is the lift-curve slope of the power-off lift curve, obtained by using the
method of Section 4.1.3.2.

For multiple-engine configurations, the t.atal lift component clue to the change in
angle of attack on the wing is found by summing the single components due to each
engine.
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Step 4. Calculate the increment of lift per engine due to the change in slipstream dynamic pres
sure on the wing by

qoo
4.6.I-t

where (CL ) must be obtained from the power-off lift curve at the given angle of
power
off

attack. For multiple-engine configurations, the total lift component due to the change in
slipstream dynamic pressure acting on the wing is found by summing the single compo
nents due to each engine.

Step 5. Calculate the increment of lift on the horizontal tail due to the change in dynamic pres
sure and angle of attack as follows:

a. Calculate the total change in pitching-moment coefficient of the horizontal tail

(ACm )t1 by

b. Calculate the lift due to the horizontal tail by

4.6.I-u

c
4.6.I-v

Step 6. Calculate the total change of lift due to the propeller power effects by summing the pre
viously calculated elements as follows:

4.6.I-w

This equation is computed for a range of angles of attack and thrust coefficients, and the
lift curves are constructed. These curves are valid only in the linear-lift range.
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Semple Problem

The following example is based on the single-engine test configuration of reference 3. The example
is presented for one value of 0< and one value of T~ .

Given;

Wing Parameters;

S = 380 ft 2
w A = 6.23 iw = 2.00 c = 8.17ft

c
j

= 9.17 ft 2w = 1.4 ft Wing root section; NACA 2416

Wing tip section: NACA 4412

Angles:

CL = 0.08 per deg
ex

C = 0.50
L power

oCC

use test data or
Sections 4.1.3.2
and 4.1.3.3

0< = 4.00 (assumed)

Propener Parameters:

0<0 = -2.80 3E
U

/30< = 0.13 (Section 4.4.1)

Four-bladed propener Rp = 6.79 ft

Engine Parameters:

T' = 0.150 per engine (assumed)
c

K
N

= 65.8

n = I

Horizontal-Tail Parameters:

~ = 0 Zr = 0 x = 10.9 ftp

SH = 80 ftY

Compute:

(AC~ = 0.0218 (Section 4.6.3)

Determine the lift component of thrust

CIT = ~ + 0< (equation 4.6.I-a)

=0+4=40

T; = 0.150 (given)
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(equation 4.6. I-c)

; (I) (0.15) (0.0698) ; 0.Dl05

Detennine the lift component of propeller normal force

K
N

; 65.8 (given)

(figure 4.6.1-25a)0.165[(CN")pk=s07 ;

(CN ) ; [(CN ) ] rl + O.B(~ ~1)ll (equation 4.6.I-e)
" p Q P KN = SO.7 l BO.7 J

; 0.165 [I + O.B (:~:~ ~I)]
; 0.141

The propeller correlation parameter is

S T'W c (3BO) (0.15)
; ; 0.155

BR2 (B) (6.79)2
p

f ; 1.1 (figure 4.6.1-25b)

Sp
; lIR2 (equation 4.6.1-1)p

; (3.14) (6.79)2 ; 144.B ft2

Of u
; 0.13 (given)

ila

(equation 4.6. I-h)

= 4.0 + 2.0 = 6.QP

OfU
"p ; "-r + ila (aw - "0)

; 4.0 + 0.13 (6.0 + 2.B)

(equation 4.6. I-g)

; 5.14°

4.6.1-8



cos <:r.r (equation 4.6.I-i)

: (1.1) (0.141) 5.14 144.8 (0.998)
57.3 380

: 0.00529

Determine the increment of lift due to the change in angle of attack on the wing induced by
the propeller now field

(equation 4.6.1-j)

Cj : 0.081
(figure 4.6.1-26)

C
2

: 0.25

3Ep
- : 0.08 + (0.25) (0.141) : 0.115
<lap

: (equation 4.6.1-k)

: (0.115) (5.14) : 0.59°

(equation 4.6.1-2)

:

-0.59

1 + 0.13
: -0.522°

: 0.13 (6.0 + 2.8) : 1.14°

Z, : xp tan (<:r.r + Eu - Ep ) - z,. (equation 4.6.1-n)
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Using the small-angle approximation,

z,
xp

- (lL + € - € ) + 057.3 --I u p

10.9
; - (4.0 + 1.14 - 0.59) ; 0.866 ft

57.3

hi ; 21R~ - (z, + 'w)2]1/2 (equation 4.6.1-0)

; 2 [(6.79)2 - (0.866 + 1.4)2 t 2

; 12.8 ft

(equation 4.6.I-p)

; (12.8)(9.17) = 117.4 ft2

(equation 4.6.1-q)

12.8
- - = 1.40

9.17

K1 = 0.96 (fIgure 4.6.1-27)

= (equation 4.6.1-r)

(380) (0.15)
=

(3.14) (6.79)2

= 0.394

(equation 4.6.1-8)

4.6.1-10

= (1 + 0.394)

= -0.0173

117.4
380 (0.08) (-0.522) (0.96)



Determine the increment of lift due to the change in slipstream dynamic pressure

(equation 4.6.I-t)

= (0.96) (0.394)

= 0.0584

117.4

380
(0.50)

Determine the increment of lift on the horizontal tail due to the change in dynamic pressure
and angle of attack

(IlCm)H = (IlCmH ), + (IlCmH )q (equation 4.6.I-u)

(IlCmH), = 0.0218 )

~ (sample problem, Section 4.6.3)

(IlCmH)q = 0 )

(IlCm)H = 0.0218

(equation 4.6.I-v)

(
8.17)= -(0.0218) 20.4

= -0.00873

Determine the total change of lift due to the propeller power effects

on
(~CL)T + (~CL)Np + (~CL)<1CkW + (~CL)q + (~CL)H

(equation 4.6.l-w)

= 0.0105 + 0.00529 - 0.0173 + 0.0584 - 0.00873

= 0.0482

The value of (~CL )pow.. from reference 4 at a= 4.0" .and T~ = 0.15 is 0.080.
on
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B. JET POWER EFFECTS ON LIFT

The effects of jets on the aerodynamic characteristics of vehicles are generally of smaller
magnitude than the effects of propellers. There are three effects of jets on the lift of a vehicle.
The first is a contribution to the lift due to the thrust component. The second is a force acting
at the engine inlet duct in a direction nonnal to the thrust axis. This force is due to the turning
of the rree stream in a direction parallel to the thrust axis. The third is t.he induced erfect or the
jet on wing or tail sunaces, i.e., tha t caused by the jets on the surrounding flow.

The first two effects are analyzed by the methods of rererence I at both subsonic and supersonic
speeds. The third erfect requires special treatment.

The following discussion on jet flow fields will help clarify some of the important distinctions
between subsonic and supersonic jets operating in subsonic and supersonic flows.

Subsonic Jets in Subsonic Flow

The velocity profile across a jet exit is nearly uniform. Mixing of the jet now and the local
free-stream now starts at the lip of the jet and propagates laterally in the downstream direction.
The velocity profile is modified by this viscous mixing action, and at some distance downstream
or the apex of the core the velocity profiles become similar. This usually occurs at approxi
mately eight exit-diameters from the nozzle. The region of now less than approximately eight
exit-diameters downstream is referred to as the transition region, and the region beyond this
point is referred to as the fully developed region (see sketch (a)).

AXIAL VELOCITY COMPONENT

-----

--
--

1

4FlJLLY DEVELOPED REGION

I......_-TRANSITION REGION-_"~

SKETCH <al

CENTRAL
CORE ZONE

-~~---
- - - - -=""--

Existing within the transition region is the central core zone of unifonn flow, which dissipates
downstream. The remaining segment of the two regions is made up of the mixing zone, which
lies between the central core and the external now.
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The external flow is entrained by the jet, causing a radial inflow velocity component in the
external flow as shown in sketch (b).

SKETCH (b)

Airframe components immersed in this external flow field experience changes in forces and
moments due to these induced angle-of-attack changes.

Two methods are presented for calculating the interference effects of subsonic je.ts in a subsonic
free stream. The first method is valid for downstream distances less than eight exit-diameters.
This method incorporates a technique presented in reference 5 with a temperature-ratio correc
tion from reference 6 and a span correction factor from reference 7.

The second method is valid for downstream distances greater than eight exit-diameters. This
method is based on a technique from reference 7.

Supersonic Jet in Subsonic Flow

If the jet pressure ratio becomes sufficiently large, the jet expands supersonically beyond the
exit. The jet will "plume" or bulge, as shown in sketch (c).

At some station downstream, the jet reaches a condition where it is expanded to atmospheric
pressure. This station is termed the equivalent jet exit station. The external flow in the region of
the jet plume can cause either inflow- or outflow-radial-velocity components. In general, large
jet-pressure ratios and high free-1;tream velocities cause outflow velocities, and lower jet-pressure
ratios and Iow free-1;tream velocities cause inflow velocities resulting from the entrainment of the
external flow. A quantitative evaluation of these effects is not available. The external flow
down.;tream of the equivalent jet exit station always has an inflow velocity component and is
similar in this respect to subsonic jets.

4.6.1-13



Flow depends upon jet pressure ....tio,
free-stream velocity, and boattail geometry

No accurate flow model is available for predicting the jet interference effects of a supersonic jet
exhausting into a subsonic flow. However, an approximate method is presented that is based on
the method for analyzing subsonic jets in subsonic flow. The accuracy of this method has not
been established.

Supersonic Jets in Supersonic Flow

At supersonic speeds the exhaust from supersonic jets causes strong disturbances in the external
flow field in the form of shock and expansion waves. A typical flow pattern is shown in
sketch (d).

SKETCH (d)

Jets become greatly underexpanded at extreme altitudes, a phenomenon that results in strong
effects on the flow upstream of the jet exit. Some limited data on this problem are available in
reference 8.
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The correct approach for analyzmg the lift increment should consider the change in pressure
distribution on the wing 'or tail due to the presence of the jet. The surface pressure distribution
is a function of the free",tream Mach number and jet pressure ratio. Unfortunately, insufficient
test data are available to provide complete charts for this estimation procedure. Test data at
M = 2.0 and a jet pressure ratio of 7.0 from reference 9 are presented in figure 4.6.1-33 as

co

representative data. The chart shows pressure <:ontours at the vertical plane of symmetry of the
jet. It is intended that these limited data, together with a description of the procedure, will
provide some feeling for the problem.

DATCOM METHOD

TI,e Datcom method estimates the power-on lift curves, based on power-off lift curves, as a
function of angle of attack, thrust coefficient, engine-inlet area, and horizontal-tail parameters.

This method analyzes the increments of lift coefficient due to jet power effects in the following
order:

1. Lift component of thrust

2. Lift component due to the turning of the free",tream flow parallel to the thrust axis

3. Lift component due to jet interference effects

After the above lift increments for a given angle of attack have been calculated, the accumulated
total is then applied to the power-off lift curve to obtain a point on the power-on lift curve.
After several points have been generated (by considering several angles of attack), the linear
section of the power-on lift curve is obtained for a given thrust coefficient.

The above increments in lift can be determined by the following steps. (Reference should be
made to figure 4.6-13b for geometric deflllitions. In all cases the lift increments are based on the
wing reference area.)

Step I. Calculate the lift component of thrust as follows:

a. Calculate the angle of attack of the thrust axis to the free stream aT by

4.6.I-a

b. Calculate the thrust coefficient per engine T~ (if not given or assumed) by

T' = -!.-
C Q,.,Sw 4.6.I-b

where the thrust per engine T is a given or chosen quantity.
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c. Calculate the lift component of thrust by

4.6.1-e

where n is the number of engines. This equation is valid only when the thrust
coefficients and the angles of attack of the thrust axis to the free stream are
equal for aU n engines.

Step 2. Calculate the lift component per engine due to the turning of the free-stream flow in a
direction parallel to the thrust axis as follows:

a. Calculate the angle between the thrust axis and the local velocity "i at the engine
inlet by

4.6.I-x

where the upwash ahead of the wing Eu is obtained by

4.6.I-m

aE
U

and the down wash gradient - is obtained from Section 4.4.1.a",

b. Calculate the turning component of lift by

4.6.I-y

For multiple-engine configurations, the total lift component 'due to the turning of
the free-<;tream flow is found by summing the individual lift increments due to
each engine.

Step 3. Calculate the lift component per engine due to the jet interference effects.

The various possible combinations of Mach number for the free-stream and nozzle exit
conditions require different combinations to be analyzed separately. Methods for
calculating four different jet interaction cases are presented. The surface affected is
assumed to be a horizontal tail. Application to other lifting surfaces and to other
bodies is similar.

4.6.1-16

Case I. Subsonic Free Stream - Subsonic Jet - Downstream Distance Less than
Eight Exit-Diameters

a. Obtain the lift-eurve slope of the horizontal tail CLaH from Sec
tion 4.1.3.2.



b. Obtain the ratio of the horizontal-tail to free-stream dynamic
pressure qH /'Ico at the quarter-chord of the horizontal-tail MAC

from wind-tunnel-test data or Section 4.4.1.

c. From figure 4.6.1-28 obtain a value for the mean-effective
downwash ratio t!.il/t!.e as a function of aircraft geometry.

d. From figure 4.6.1-29 obtain the equivalent-jet-velocity ratio Vj/V~

as a function of the actual-jet-velocity ratio Vj/V~ and the ratio of

ambient temperature to jet static temperature.

e. From figures 4.6.1-30a through -30c obtain a value for the down
wash increment t!.e as a function of aircraft geometry and
equivalent-jet-velocity ratio.

f. Calculate the mean-effective-downwash increment t!.i' by

t!.il = (~:) t!.e 4.6.I-z

g. Calculate the increment in lift per engine due to jet interference
effects by

4.6.1-aa

For multiple-engine configurallons, the total lift component due to
jet interference effects is found by summing the individual lift
increments due to each engine.

Case II. Subsonic Free Stream - Subsonic Jet - Downstream Distances Greater than
Eight Exit-Diameters

a. Obtain the lift-curve slope of the horizontal tail CLaH from
Section 4.1.3.2.

b. Obtain the ratio of the horizontal-tail to free~tream dynamic
pressure qH /'Ico at the quarter-chord of the horizontal-tail MAC

from wind-tunnel-test data or Section 4.4.1.

c. From figure 4.6.1-28 obtain a value for the mean-effective
downwash ratio I:l.e/e.e as a function of aircraft geometry.

d. From figure 4.6.1-31 obtain a value for ZjIiE/XH as a function of
aircraft geometry and thrust coefficient.
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e. Calculate the jet-induced down wash angle toE by

,
Zj

4.6.I-bb

where x~ = x; + x~

and x; is usually expressed as

f. Calculate the mean-effective-<lownwash increment toE by

4.6.1-cc

4.6.I-dd

4.6.I-z

g. Calculate the increment in lift per engine due to jet interference
effects by

4.6.I-aa

4.6.1-18

For multiple-engine configurations, the total lift component due to
jet interference effects is found by summing the individual lift
increments due to each engine.

Case III. Subsonic Free Stream ~ Supersonic Jet - Distances Downstream of the
Fully Expanded Flow

a. From figure 4.6.1-32a obtain a value for the equivalent-jet orifice
radius ratio Rj/Rj as a function of the jet-exit total-pressure ratio.

b. From figure 4.6.1-32b obtain a value for the downstream displace
ment of the equivalent-jet orifice as a function of the equivalent-jet
orifice radius.

The oownstream displacement distance corresponds to the point at which the
supersonic-jet flow has expanded to ambient pressure. The corresponding jet
ratio at this station is the equivalent radius Rj. These values are used in lieu
of the actual jet radius and jet location in approximating the inflow veloc
ities of the surrounding flow downstream of this equivalent jet-exit station.



Depending on the location of the surface of interest, the remaining steps are
identical to those of case I (less than eight exit-diameters downstream) or
case II (greater than eight exit-diameters downstream). For locations
upstream of the fully expanded flow no method is available.

As pointed out in the discussion, the ·accuracy of this method is not known.

Case IV. Supersonic Free Stream - Supersonic Jet

A complete method is not presented because of a lack of wind-tunnel test
data required for the formulation of design charts. However, if wind-tunnel
data are available the following procedure is suggested:

a. Divide the surface under consideration into incremental areas ~SH .

b. Calculate the respective axial and radial locations of the incre
mental areas relative to the jet exit.

c. Construct a pressure-<:oefficient-contour chart from available data
(see figure 4.6.1-33).

d. Obtain values of ~p/q for each incremental area from the
00

pressure-<:oefficient-<:ontour chart as a function of their relative
locations.

e. Sum the incremental forces acting over the surfaces to obtain the
total change in lift coefficient by

I f ~PJ~C = - S-
L Sw' H Q". 4.6,I-<:e

By using the above procedure, several increments in horizontal-tail lift coef
ficient were calculated for the configuration tested in reference 10. The
calculations were computed from the data of figure 4.6.1-33 for a variety of
tail positions at Mach number of 1.9 and a jet pressure ratio of 6.66. The
results of the calculations revealed errors ranging from 15 to 133 percent.

The total change in aircraft lift due to jet power effects is obtained by
summing aU lift components, Le.,

4.6.I-ff
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Sample Problem

The following example is based on the four-engine DC-8 configuration. The example is presented
for one value of '" and one value of T~. The lift due to jet-interference effects is calculated by
using the methods of case II, since the downstream distance of the horizontal tail is greater than
eight engine exit-<liameters.

Given:

Wing Parameters:

Horizontal-Tail Parameters:

c = 272.8 in.

a = 50

A = 7.52

"'0 = -2.50 (flaps up)

S = 560 ft2
H ~ 153.2 in. CL = 0.0627/deg (Section 4.1.3.2)

a H

3f
u

13", = 0.17 (Section 4.4.1) Rj = 20 in.

qH 1'1,., = 0.968 (Section 4.4.1)

Engine Parameters:

Outboard Engines (2)

Xl = 145.2 in.

£H = 855.0 in.

~ = 53.0 in.

x~ = 788.0 in.

bH = 570.0 in.

,
= 175.7 inZj

YT = 44.6 ft

AI = 13.64 ft 2

;,. = 3.60 T = 12,500 Ib

Inboard Engines (2) ~ = 70.8 in.

xI = 283.8 in. x' = 927.0 in.•

3f.J3'" = 0.24 (Section 4.4.1) Rj = 20 in.

;,. = 3.60 T = 12,500 Ib

Additional Parameters:

,
= 201.7 in.Zj

YT = 25.7 ft

AI 13.64 ft2

4.6.1-20
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Compute:

Determine the lift component of thrust

"T = iT + " (equation 4.6.I-a)

= 3.6 + 5 = 8.60

T' =c

12,500
= --=:::....:..--

(57.2) (2930)

(equation 4.6.I-b)

= 0.0746 (per engine)

(equation 4.6.I-c)

= (4) (0.0746) (0.1495)

= 0.0446

Determine the lift component due to the turning of the free stream

OIW = ,,+ iw (equation 4.6.I-h)

= 5 + 0 = 50

3fu
f = ~ ("w - "0)

u 301 (equation 4.6.I-m)

(fU )OUlboard =
(0.17) (5 + 2.5) = 1.270

<npne

(fu )inbOard
= (0.24) (5 + 2.5) = 1.800

engine

OIj = "T + f u (equation 4.6.I-x)

(
01. ) = 8.6 + 1.27 = 9.870

J outboud
engine

8.6 + 1.80 = 10.40

4.6.1-21



(equation 4.6.I-y)

Considering the lift increment due to both outboard engines

(2) (13.64) (0.1714) (2)
; ; 0.00319

2930

Considering the lift increment due to both inboard engines

;
(2) (13.64) (0.1805) (2)

2930
; 0.00336

4.6.1-22

The total lift component due to the turning of the free stream is

( ~CL) ; ~(~CL)] + t(~CL) ]
N j N j out~oard N j inb~ard

eng:anes engInes

; 0.00319 + 0.00336

; 0.00655

Determine the lift component due to jet interference effects on the horizontal tail. The method
of case II will be used to evaluate the jet interference effects, since (~H /Rj ) > 8.



,
= x; + x; (equation 4.6.1~c)xH

,
= 4.6 Rj

(equation 4.6.I-dd)xj

( x~ )inb?Ud
= (4.6) (20) + 927

cJlI1ne

= 1019 in.

( x~ )out~oard = (4.6) (20) + 788

el'1lme

= 880 in.

(equation 4.6.1-bb)

( Il€ ) inboard
, engine

(1019)
= (0.07) (20 1.7)

= 0.354

( Il€ )oulboard
eftlllle

= (0.08)

= 0.40

(880)

175.7

(equation 4.6.I-z)

= (0.37) (0.354)

= 0.131

( Ile )OUI!><>ard = (0.10) (0.40)
engmes

= 0.04

(equation 4.6.I-aa)
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[ ( ~CL ) , ] inboard

560
; -(0.0627) -- (0.968) (0.131)

2930
engtnes

; -0.00152

[ (~CL ),] oulboa<d

560
(0.968) (0.04); -(0.0627) --

2930
engmes

; 0.00046

The total lift component due to jet interference effects on the horizontal tail is

(~CL ), ; -0.00152 - 0.00046

; -0.0020

( ~CL ) power =
on

(equation 4.6.I-ff)

; (0.0446) + (0.00655) + (-0.0020)

= 0.049

REFERENCES

1. Decker, J., at 81: USAF Stability and Control Handbook. M-3671. 1956. (UI
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4. Weil. J .• and Boykin. R. I.: Wind-TunntH Tests of the O.lS-Scale Powered Model of the Fleetwings XBTK·' Airplane
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4.6.2 POWER EFFECTS ON MAXIMUM LIFf

A. PROPELLER POWER EFFECTS ON MAXIMUM LIFf

Over the linear lift-eurve-slope range, increases in lift due to propeller power result from the
factors discussed in Section 4.6.1, paragraph A. However, near or at maximum lift an additional
increase in lift coefficient occurs because the angle of attack for stall increases with power. This
effect depends primarily upon the ratio of the immersed wing area to the total wing area. An
empirical method; based on data from references I and 2, is presented in this section for
estimating the maximum lift increase due to power.

DATCOM METHOD

Step 1.

Step 2.

From figure 4.6.2-3 obtain a value for the empirical constant K as a function of the
ratio of immersed wing area to total wing area Si/Sw. (The immersed wing area Sj is
calculated in Section 4.6.1.)

Calculate the increment in lift due to power (ACd at the angle of attack for
power
on

maximum lift, power off. This value is obtained from equation 4.6.I-w of Section
4.6.1.

Step 3. Calculate the increment of maximum lift due to propeller power by

4.6.2-a

The shift in aCL for the power-<ln lift curve can only be approximated, based on
max

the shape of the power-<lff curve. Based on this geometrical approximation, the
complete lift curve can then be constructed as shown in sketch (a).

SKETOI (a)

4.6.2-1



Table 4.6.2-A compares the results obtained by this method with test data.

Sample Problem

Given:

T; = 0.20
(

a" II) = 160 (wind-tunnel data)
a power

off

( C>CL )power = 0.438 (Section 4.6.1)

on

Compute:

Si 114
= -- = 0.364

Sw 314

Si = 114 ft2 (Section 4.6.1)

K = 1.38 (figure 4.6.2-3)

C>CL = K (C>C ) (equation 4.6.2-a)
max L ~wer

= (1.38) (0.438)

= 0.604

B. JET POWER EFFECTS ON MAXIMUM LIFT

The maximum lift due to jet power is described in Section 4.6.1, paragraph B, since the angle of
attack for stall does not exhibit an increase with power as in the case for propellers. The
increment in maximum lift is therefore found by calculating the lift increment at the angle of
attack for maximum lift, power ofT, by using the method of Section 4.6.1. The shape of the
power-on lift curve near stall is similar to that of the power-off curve determined by using other
sections of the Datcom.

REFERENCES

1. Sweberg, H. H., and Dingeldein, A. C.: Summary of Meesurements in Langlev Full-SCale Tunnel of Maximum Lift
Coefficients and Stalling Ch..acteristics of Airplanes. NACA WR L·145. 1945. WI

2. Anon.: Model C-l33A Estimated Balic:: Stability and Control Data. Douglas Aircraft COf't1)8ny Report LB·21984. 1956. (Ul
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TABLE 4.82-1<

LOW-SPEED MAXIMUM-l.IFT INCREMENT DUE TO POWER

DATASU_ARY

51

(t.CL)=- tIC 4C
Lmax- L",••

Ref...ce Airplene T. Sw K Col. T..

1 F4U 0.20 0.364 1.38 0.438 0.60 0.64

Men 0.13 0.405 1.55 0.123 0.19 0.20

B·15 0.31 0.500 2.05 0.160 0.33 0.30

F5F fdle 0.360 1.38 0.101 0.14 0.14

P-63 idle 0.360 1.38 0.072 0.10 0.08

2 C·133 0.60 0.486 1.97 0.241 0.48 0.56
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FIGURE 4.6.2-3 CORRECTION FACTOR FOR MAXIMUM LIFT DUE TO POWER
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4.6.3 POWER EFFECTS ON PITCHING-MOMENT VARIATION WITH ANGLE OF ATTACK

A. PROPELLER POWER EFFECTS ON PITCHING MOMENT

This section presents a method from references I and 2 for estimating the power effects of
propellers on the pitching-moment characteristics of a vehicle. Since power effects on pitching
moment characteristics are primarily a result of the increments in lift due to propellers, part A of
Section 4.6.1 is directly applicable to this section, and the reader is referred to that discussion
for a general description of the fundamental phenomena.

DATCOM METHOD

The Datcom method estimates the power-on pitching-moment curves based on power-off curves,
as a function of angle of attack, thrust coefficient, and lift coefficient.

This method analyzes the increments of pitching-moment coefficient due to propeller-power
effects in the following order:

1. Offset of the thrust axis from the origin of the axes

2. Propeller normal force due to angle of attack

3. Change in dynamic pressure over the section of the wing in the propeller slipstream

4. Change in lift of the wing caused by power effects

5. Change in dynamic pressure acting on the horizontal tail

6. Change in angle of attack at the horizontal tail

After the above pitching-moment increments for a given angle of attack have been calculated, the
accumulated total is then applied to the power-off pitching-moment curve to obtain a point on
the power-on pitching-moment curve. After several points have been generated (by considering
several angles of attack), the linear section of the power-on pitching-moment curve is obtained
for a given thrust coefficient.

All increments of pitching-moment coefficients are nondimensionalized with respect to the
product of wing area and wing MAC. Their moment center is at the quarter-chord point of the
wing MAC.

Step 1. Calculate the increment in pitching-moment coefficient per engine due to an offset of
the thrust axis from the origin of the axes by

T' Zoe
c 

C
4.6.3-a

4.6.3-1



where the thrust coefficient is a given or chosen quantity. For multiple~ngine config
urations the total pitching-moment component is found by summing the component
due to each engine.

Step 2. Calculate the increment in pitching-moment coefficient due to the propeller normal
force by

cos iT

cos C\'T
4.6.3-b

where (ACLlN is obtained from Section 4.6.1 and <>-r is given by equation 4.6.I-a,
p

i.e.,

Step 3. Calculate the increment in pitching-moment coefficient due to the change in slipstream
dynamic pressure acting on the wing as follows:

a. Calculate the zero-lift pitching-moment coefficient (Cm 0)' of those components of
•

the tail-off configuration that are immersed in the slipstream by

4.6.3-c

andtestswind-tunnelfromobtainedbemustwhere (C )mo . bodywmg·

(C
m

) may be obtained from Section 4.1.4.1 and is based on the com-
O area not

immersed

bined planform area of the wing not immersed in the propeller slipstream.

b. Calculate the change in slipstream dynamic pressure given by equation 4.6.1-r, i.e.,

S T'W c
=

c. Calculate the pitching-moment increment due to the change in slipstream dynamic
pressure by

Aq,

(AC) = - (c )
m q ~ rn o i

4.6.3-<1

Step 4. Calculate the increment in pitching-moment coefficient due to the change in lift of the
wing caused by power effects as follows:

a. Calculate the lift increments (L.CLl
q

and (ACL )"'Qw by the method in Section

4.6.1.

4.6.3-2



b. Calculate the pitching-moment increment due to the immersed wing lift incre
ments by

4.6.3..,

where xw is the longitudinal distance from the aerodynamic center of that
portion of the wing immersed in the propeller slipstream to the moment-reference
center location, positive for the aerodynamic center forward of the moment refer
ence center (see Figure 4.6-12).

Step 5. Calculate the increment in pitching-moment coefficient due to the change in dynamic
pressure acting on the horizontal tail as follows:

a. Calculate the angle of attack at the horizontal tail aH by

b.

where (€H )power is obtained in Section 4.4.1.
off

Obtain a value for the lift-curve slope of the horizontal

Section 4.1.3.2.

tail (CLa )
H power

off

4.6.3-f

from

c. Calculate the lift coefficient of the horizontal tail by

= (CL ) a H
Q H power

off

4.6.3-g

d. From figure 4.6.3-14 or 4.6.3-15 obtain a value for the change in downwash at
the horizontal tail .:l€H as a function of geometric characteristics, thrust coef
ficient, and the power-off downwash angle.

e. Cal,-,,-,,',< ttl" power-on downwash angle at the horizontal tail by

I € )
\ H power

on

4.6.3-h

f. Calculate the geometric distance z, by equation 4.6.1-11, Le.

4.6.3-3



g. Calculate the geometric distance zH err by

tan [OCr + Eu - E - (E) ]
P H ~wer

4.6.3-i

h. From figure 4.6.3-16 obtain a value for the change in dynamic pressure ~qH/q~

as a function of geometric characteristics and thrust coefficient.

I. Calculate the change in pitching-moment coefficient due to the incremental
change in dynamic pressure at the horizontal tail by

4.6.3-j

Step 6. Calculate the increment in pitching-moment coefficient due to the change in angle of
attack of the horizontal tail as follows:

a. Calculate the power-on dynamic-pressure ratio at the horizontal tail by

(::twe, (~tw~
~qH

= + -- 4.6.3-k
~

on off

where ~qH/~ is found in step 5.h and (qH/q~) is obtained in Section
power
off

4.4.1.

b. Calculate the change in pitching-moment coefficient due to the change in angle of
attack at the horizontal tail by

4.6.3-£

where ~EH is found in Step 5.d.

Step 7. Calculate the total incremental change in pitching-moment coefficient due to propeller
power effects by

(~Cm) = (~C) + I~c) + (~C ) + (~C )power m T \" m N m q m L
- p

4.6.3-m

4.6.3-4



Sample Problem

The configuration used in this sample problem is the same as that used in the sample problem
for propeller effects on lift in Section 4.6.1.

Given:

Wing Parameters:

S = 380 ft2w

b. = 12.8 ft
1

) (calculated in Section 4.6.1)

(calculated in Section 4.6.1)

(~CL)N = 0.00529
p

(~CL) = -0.0173
4"W

(~CL)q = 0.0584

C = 8.17 ft AC/ 4 = 0

Aarea not = 4.90
inwnened

c. = 9.17 ft
I

(cmo).,.. not =
i=mtened

c = 7.50 ftuea not
inwnened

-0.07 (average value for
wing sections not
immersed in the
slipstream)

(C) = -0.080 (tail-off wind-tunnel data)
mo winl~ody

x = 0w

ex = 4.00 f = I 140
u . f = 0.590

p

fpower = 4.00 (wind-tunnel data or Section 4.4.1)
off

Horizontal-Tail Parameters:

SH 59
80 ft2

I
0.738 0 AH 4.26SH = - = - = iH = =

SH 80

Au = 0.59 Au./4
= 0 (~ )~wu = 0.9 (Section 4.4.1)

orr

4.6.3.-5



CL
= 0.057 zH = -4.10 ft zH = 3.0 ft

"H T

Engine Parameters:

T' = 0.15 R
p

= 6.79 ft xp
= 10.9 ftc

QH = 20.4 ft

ZT = -1.10 ft

Compute:

Determine the increment of pitching moment due to an offset of the thrust axis from the
origin of the axes

( ACm)T
zT

= T' - (equation 4.6.3-a)
C c

(0.15)
(-1.10)

= -0.0202=
(8.17)

Determine the increment of pitching moment due to the propeller normal force

(equation 4.6.3-b)

= (0.00529) 10.9
8.17 cos 4.0" = 0.00707

Determine the increment of pitching moment due to the change in dynamic pressure

A cos Ac/ 4
=

A + 2 cos Ac/4

(equation 4. 1.4. I-a)

where A is the aspect ratio of the combined 'wing not immersed in the slipstream.

4.90
Cm0 = 4.90 + 2 (-0.07)

-0.05 (Note: this is based on the wing area not immersed in the slipstream)

(based on Sw and c)

4.6.3.-6

(380 - 117.4)
= (-0.05) 380

(7.50)

(8.17)
= -0.0317



(CmJ = (Cmo)Wing-bOdY -(Cmo)are. not
I

immersed

= -0.080 + 0.0317

= -0.0483

Aq, Sw T~
= (equation 4.6.I-r)

'I.x. 'll"R2
P

(380) (0.15)
0.394= =

(3.14) (6.79)2

(equation 4.6.3-c)

= (0.394) (-0.0483)

= -0.019

(equation 4.6.3-<1)

Determine the increment of pitching moment due to the change in lift of the wing

= - [0.0584-0.01731 -8
0

.17

= 0

(equation 4.6.3-e)

Determine the increment of pitching moment due to the change in dynamic pressure on the
horizontal tail

aH = a+ iH (e)
- H power

off

=4+0-4 =0

= (0.057) (0) = 0

(equation 4.6.3-0

(equation 4.6.3-g)
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(figure 4.6.3-14)

= (E ) + AEHH power
off

= 4.0 + 0.7

= 4.70

(equation 4.6.3-h)

(equation 4.6.I-n)

= 10.9 tan (4.0 + 1.14 - 0.59) + 1.10

= 1.96 ft

= 1.96 - 4.10 + 20.4 tan (4 + 1.14 - 0.59 - 4.7)

= -2.14 + 20.4 (-0.00262)

= -2.19 ft

(equation 4.6.3-i)

= 0.14 (figure 4.6.3-16)

80 20.4
= -(0) (0.14) 380 8.17

= 0

(equation 4.6.3-j)

Determine the increment of pitching moment due to the change in angle of attack at the
horizontal tail

4.6.3-8

= 0.90 + 0.14 = 1.04

(equation 4.6.3-k)



(IlCm H),

SH £H

(~ )POWCl
= CL IlEH - (equation 4.6.3-£)

uH Sw C

on

= (0.057) (0.7) (388~) eO
.
4

) (1.04)
8.17

= 0.0218

Determine the total change in pitching moment due to propeller power effects

(equation 4.6.3-m)

=·0.0202 + 0.00707 - 0.019 + 0 + 0 + 0.0218

= -0.0103

B. JET POWER EFFECTS ON PITCHING MOMENT

This section presents a method from references I, 3, and 4 for estimating the subsonic jet power
effects on pitching moment. The method presented here for estimating the supersonic jet power
effects is based on approximate methods developed for the Datcom. Since the power effects on
pitching-moment characteristics are primarily a result of the increments in lift due to jet effects,
part B of Section 4.6.1 is directly applicable to this section, and the reader is referred to that
discussion for a general description of the fundamental phenomena.

DATCOM METHOD

The Datcom method estimates the power-on pitching-moment curves, based on power-off
pitching-moment curves, as a function of angle of attack, thrust coefficient, and lift coefficient.

This method analyzes the increments of pitching-moment coefficient due to jet power effects in
the following order:

I. Offset of the thrust axis from the origin of the axes

2. Normal force acting at the engine inlet

3. Interfer~nce effects

After the above lift increments for a given angle of attack have been calculated, the accumulated
total is then applied to the power-off pitching-moment curve to obtain a point on the power-on
pitching-moment curve. After several points have been generated (by considering several angles of

4.6.3-9



attack), the linear section of the power-on pitching-moment curve is obtained for a given thrust
coefficient. (Refer to figure 4.6-l3b for geometrical definitions.)

All increments of pitching-moment coefficients are nondimensionalized with respect to the
product of wing area and wing MAC. Their moment center is at the quarter-ehord of the wing
MAC.

Step I. Calculate the increment in pitching-moment coefficient per engine due to an offset of
the thrust axis from the origin of the axes by

4.6.3-a
c

where the thrust coefficient is a given or chosen quantity. For multiple-engine configura
tions the total pitching-moment component is found by summing the single components
due to each engine.

Step 2. Calculate the increment in pitching-moment coefficient due to the normal force at the
engine inlet as follows:

a. Calculate the inclination of the thrust axis to the oncoming stream "'i at the engine
inlet, given by equation 4.6.I-x, i.e.,

where the upwash ahead of the wing eu is obtained from equation 4.6.I-m, i.e.,

and the upwash gradient oeu/iJa. at the engine inlet may be obtained in Section 4.4.1.

b. Calculate the incremental pitching-moment coefficient per engine by

4.6.3-n

where AI is the inlet duct area. For multiple-engine configurations the total pitching
moment component is found by summing the single components due to each engine.

Step 3. Calculate the increment in pitching-moment coefficient due to the jet interference effects
at the horizontal tailor other surface by

4.6.3-0
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where (ilCL )€ is calculated in Section 4.6.1 and where x is the distance from the

moment center to the centroid of the affected area, positive ahead of the moment center
(in the case of tail-last configurations x corresponds to the negative value of the tail
length £H)'

Step 4. Calculate the total incremental change in pitching-moment coefficient due to jet effects
by

(ilCm ) pow«
on

Sample Problem

4.6.3-p

The configuration used in this sample problem is the same as that used in the sample problem of
Section 4.6.1, paragraph B.

Given:

Engine Parameters:

Outboard Engines (2)

T' = 0.0746 (per engine)
c XI = 145.2 in.

lor = 53.0 in.

Inboard Engines (2)

!Xj = 9.87° (Section 4.6.1)

T' = 0.0746 (per engine)
c AI = 13.64 ft2 XI = 283.8 in.

ZT = 70.8 in.

Horizontal-Tail Parameters:

!Xj = -10.4° (Section 4.6.1)

( .1CL ) € = -0.002 (Section 4.6.1)

Wing Parameters:

£H = 855.0 in.

c = 272.8 in.

Compute:

Sw = 2930 ft2

Determine the increment in pitching-moment coefficient due to an offset of the thrust axis
from the origin of the axes by

4.6.3-11



(equation 4.6.3-a)

Considering the increment in pitching-moment coefficient due to both outboard engines

(0.0746) (53.0) (2)

(272.8)

; 0.0290

Considering the increment in pitching-moment coefficient due to both inboard engines

(0.0746) (70.8) (2)
;

(272.8)

; 0.0387

The total increment in pitching-moment coefficient due to an offset of the thrust axis is

; 0.0290 + 0.0387

; 0.0677

Determine the increment in pitching-moment coefficient due to the normal force at the engine

inlets

(equation 4.6.3-n)

Considering the increment in pitching-moment coefficient due to both outboard engines

(2) (2) (13.64) (145.2) (0.1714)
;

(2930) (272.8)
; 0.00170

Considering the increment in pitching-moment coefficient due to both inboard engines

4.6.3-12

; (2) (2) (13.64) (283.8) (0.1805) = 0.00350
(2930) (272.8)



The total increment in pitching-moment coefficient due to the normal force at the engine inlet
is

= 0.00 170 + 0.00350

= 0.00520

Determine the increment in pitching-moment coefficient due to the jet interference effects at
the horizontal tail

x
(equation 4.6.3-0)

For a tail-last configuration this can be expressed as

(~Cm)f (~CL )f
(-2H )

=
C

(-0.002)
(-855.0)

=
272.8

= 0.00627

Determine the total increment of pitching-moment coefficient due to jet power effects

(equation 4.6.3-p)

= 0.0677 + 0.0052 + 0.00627

= 0.079

REFERENCES
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4.6.4 POWER EFFECTS ON DRAG AT ANGLE OF ATTACK

This section presents methods for estimating jet and propeller power effects on the drag of an
aircraft. Many of the basic phenomena associated with changes in the drag are discussed in
Section 4.6.1, and the reader is referred to that discussion for a more complete description of
the fundamental phenomena.

A. PROPELLER POWER EFFECTS ON DRAG

The effects of propeller power on the drag of an aIrplane require corrections to the zero-lift drag
and the lift-dependent drag.

The zero-lift drag is corrected to account for the change in dynamic pressure caused by the
propeller slipstream.

The lift-dependent drag of an airplane is affected by propeller power in the following ways:

I. The components of propeller thrust and normal force that are parallel to and have the
same direction as the wing lift reduce the wing lift required, thereby reducing the wing
drag due to lift.

2. The propeller slipstream modifies the downwash over portions of the wing, thus
changing the wing drag due to lift.

3. Propeller thrust is usually assumed to act parallel to the free stream. However, the
free-stream component of thrust is really T cos ar. Therefore, the drag component
must include this differential thrust and the propeller normal-force component parallel
to the free stream.

DATCOM METHOD

The Datcom method (reference I) estimates the drag increment due to propeller-thrust effects as
a function of angle of attack, thrust coefficient, and propeller normal force.

This method analyzes the increments of drag coefficient due to propeller power effects in the
following order:

1. Change in zero-lift drag due to the slipstream dynamic pressure of that portion of the
vehicle immersed in the propeller slipstream

2. Change in vehicle drag due to lift as a result of the lift components of propeller thrust
and propeller normal force

3. Change in drag due to lift as a result of the change in angle of attack of the wing
section immersed in the propeller slipstream

4.6.4.-1



After the above drag increments for a given lift coefficient have been calculated, the accumulated
total is then applied to the power-off drag curve to obtain a point on the power-on drag polar.
After several points have been generated (by considering several lift coefficients), the power-on
drag polar is obtained for a given thrust coefficient.

The above increments in drag can be determined by the following steps. (Reference should be
made to figure 4.6-13a for geometric definitions. In all cases the drag increments are based on
the wing reference area.)

Step 1. Calculate the zero-lift increment of change in drag coemclent due to propeller-power
effects as follows:

a. Calculate the increment of skin-friction drag caused by a higher local dynamic
pressure on all surface area immersed in the propeller slipstream SI by

4.6.4-a

where Cf is the local skin-friction drag coefficient determined by the methods of
Sections 4.1.5.1 and 4.2.3.1. By assuming that q, and Cf are constant over the
area wetted by the slipstream, equation 4.6.4-a may be simplified to

4.6.4-b

where .<iq,/qoo is determined in Section 4.6.1.

b. Calculate the flap increment of zero-lift drag due to propeller power effects when
the wing flaps are extended and are partially or entirely immersed in the propeller
slipstream, as follows:

(I) Evaluate the propeller correlation parameter defined as

S T'w c

(2) From figure 4.6.4-12 obtain a value for T~

of the propeller correlation parameter.

~
VT+Ta as a function of

Sp

(3) Obtain a value for the power~ff drag increment of the deflected flap

(
.<iCD ) from test data if available or from Section 6.1.7.

o flap

4.6.4-2



(4) Calculate the wing planfonn area SWr including and directly forward of the
flap area.

(5) Calculate the part of SWr immersed in the propeller slipstream Sj'

(6) Calculate the flap increment of zero-lift drag by

4.6.4<

c. Calculate the total zero-lift increment of drag due to propeller power effects by

4.6.4-<1

When the flaps are retracted the total zero-lift increment is given by equation 4.6.4-b.

Step 2. Calculate the propeller power effects on drag due to lift as follows:

a. Calculate the propeller nonnal-force coefficient per engine by

4.6.4-e

where (CNa)p is obtained from Section 4.6.1.

b. Calculate the angle of attack of the thrust axis lIT measured from the free-stream
direction and given by equation 4.6.1-e, i.e.,

c. Calculate the thrust coefficient T~ per engine given by equation 4.6.I-b, i.e.,

T' =c
T

where the thrust is a given or chosen quantity.

4.6.4-3



d. Calculate the sum of the propeller lift components by

4.6.4-f

For mulliple-engine configurations the total lift component due to propeller forces
IS found by summing the components due to each engine.

e. Calculate the wing lift coefficient CL by

4.6.4-g

where n'W is the product of load factor and weight.

f. From figure 4.6.4-l3a obtain a value for the empirical drag factor KD as a function
of geometry and thrust coefficient.

g. Calculate the wing lift coefficient with power effects CL by
w

where CL is the total lift component due to propeller forces.
p

4.6.4-h

4.6.4-4

h. From figure 4.6.4-13b obtain a value for the ratio of effective downwash to propeller
downwash "i/€p as a function of the propeller correlation parameter and aircraft
geometry.

i. Calculate the upwash gradient a€p/aCY.p given by equation 4.6.I-i, i.e.,

where the constants C. and C2 are obtained from figure 4.6.1-26 as a function of
the propeller ,correlation parameter, and (CN~ is obtained from Section 4.6.1.

j. Calculate the angle of attack of the propeller plane CY. p given by equation 4.6.1-g, i.e.,

where the upwash gradient a€u/aeY. at the propeller may be obtained in Section 4.4.1.



k. Calculate the effective downwash over the wing span E by

4.6.4-i

I. Calculate the ratio of the power-on induced drag to the power-off induced drag by

on
=

4.6.4-j

The contribution from the last term in the above equation is generally less than ten
percent.

The value for (CD L) must be available from wind-tunnel data or may be approximated
power
off

by the wing-alone value of CD obtained by using the method of Section 4.1.5.2.
L

Step 3. Calculate the total drag of an aircraft including power effects by

+ (<1CD )
o power

on

+ (CD)
L power

on

4.6.4-k

This equation is computed for a range of lift coefficients and thrust coefficients, and the
drag-polar curves are constructed. These curves are valid only in the linear-lift region.

Sample Problem

The configuration used in this sample problem is the same as that used in the sample problem for
propeller power effects on lift in Section 4.6.1. The quantities listed below are either given or
calculated in the sample problem of paragraph A, Section 4.6.1, or assumed.

Given:

Wing Parameters:

380 ft2
S.

0.309 6.23Sw = = A =
Sw

0.523
cf

300CL = = 0.20 6f =
c

<1q,
0.394

a€p
= = 0.115

lI.o aap

Sj
= 0.80 b = 48.65 ft

Sw r

4.6.4-5



Engine Parameters:

o = 5.140 n =p

Additional Parameters:

6.79 ft T' = 0.150c

o = 4.00 n' = 1.0

0.0160

Cf = 0.0040 (<iCo ) = 0.040
o flap

(Cootwer
= 0.10

off

Compute:

Determine the zero-lift increment in drag

(equation 4.6.4-b)

= (0.0040) (0.309) (0.394)

= 0.0005

=
(380) (0.15)

(6.79)2
= 1.236

T' Vl+a Sw = 0.25
C I + 2a Sp

(figure 4.6.4-12)

(equation 4.6.4-c)

= (0.040) (0.25) (0.80)

= 0.0080
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(equation 4.6.4-d)

= 0.0005 + 0.0080

= 0.0085

Determine the effects on drag due to lift

(equation 4.6.'k)

= (0.141)

= 0.0048

(
5.14)
57.3

(3.14) (6.79)2

380

(equation 4.6.4-f)

= (0.150) (0.0698) + (0.0048) (0.998)

= om 05 + 0.0048

= p.0153

KD = 3.75 (figure 4.6.4-13a)

(equation 4.6.4-h)

= 0.523 - 0.0153

= 0.508

= 0.24 (figure 4.6.4-13b)

E (:~:) (equation 4.6.4-i)f = Qr pEp

= (0.24) (0.115) (5.14°)

= 0.142°
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(CD l)po~r

Cr[ ] [(2~) (~~p)r,n lW ,,2 A€
; --c.:- I+ 180 Clw

+ Ko
(CD l) power

off

(equation 4.6.4-j)

(0.508r [I + (3.14)2 (6.23) (0.142)] +3.75[(48.65) 0.0153)]2
0.523 (180) (0.508) 13.58 0.523

; 0.943 [1.0954] + 3.75 [0.01098]

; 1.074

(CD l)power
; (1.074) (0.016)

on

; 0.0172

Determine the total drag

(equation 4.6.4-k)

; 0.10 + 0.0085 + 0.0172

; 0.126

B. JET POWER EFFECTS ON DRAG

There are three jet power effects on the drag of an airplane. A jet emanating from the rear of a
fuselage or nacelle has large effects on both the afterbody d ....g and the base drag .of the fuselage
or nacelle. The remaining two jet power effects on d....g can be attributed to the lift force of the
jet (the vertical component of the thrust) and the inlet normal force. (See Section 4.6.1,
pa....graph B, for additional discussion.) These lift forces reduce the wing lift and therefore
reduce the wing d....g due to lift.

Accurate and rapid procedures for estimating the effects of jets on base and afterbody drag are
not available. The large number of internal- and external-flow variables and the large number of
geometric variables pertaining to the nozzle and the afterbody prevent the prediction of these
effects by the use of either simplified theory or empirical correlation of the available test data.
Therefore, no Datcom method for treating jet power effects on base and atterbody drag is given.
However, a brief discussion is given from references 2 and 3 presenting the salient aspects of the
flow elements. The major portion of the discussion is taken from a method for treating transonic
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and supersonic base drag due to jet, !i.am reference 3. (The complexity of the method prevents
its formulation into a Datcom method.) Curves are presented that indicate the trends of base
pressure with some of the significant variables.

DATCOM METHOD

The Datcom method is composed of two parts. The first part presents a discussion of the jet
power effects on base and afterbody drag. The second part presents a method for estimating the
jet power effects due to the vertical component of thrust and the inlet normal force.

Jet Power Effects on Base and Afterbody Drag

The ma thematical expression for base drag in terms of base pressure may be exrr~ssed as

4.6.4-£

where Sb is the base area and S is the reierence area. The base lies in the XV-plane, and the base
pressure Pb may vary over the base. For most cases, Ph is almost constant and equation 4.6.4-£
reduces to

= 4.6.4-m

A plot of some of the data of reference 2 is given in figure 4.6.4-14 for the model geometry
sketched in the upper part of the figure. The base-pressure coefficient is presented as a function
of Mach number for three ratios of jet total pressure to ambient pressure. From figure 4.6.4-14
it can be seen that the highest base-drag conditions occur in the transonic regime.

The geometry and initial-flow parameters for an axially symmetric boattailed afterbody with a
nozzle are presented in figure 4.6.4-15. Directly behind the base area is a region of low-velocity
air at pressure Ph. The free-stream flow expands to this pressure Pb as it passes the end of the
afterbody. The expanded free-stream flow mixes with the low-velocity air along a boundary until
it encounters flow from the jet. In similar fashion, flow from the jet expands as it passes through
the nozzle exit plane. The flow mixes with the low-velocity air at the base along some boundary.
When the external and internal flows meet, each must go through a shock wave that (1) turns
the flows until they are parallel, and (2) equalizes the pressures of the two flows. The external
flow and the flow from the jet then proceed downstream with a mixing zone lying between
them. A flow pattern for the above geometrical description is indicated in figure 4.6.4 -16 for a
supersonic jet and free stream at a ratio of total pressure to ambient pressure greater than 2.35.

The influence of major design parameters on the base-pressure ratio of axially symmetric
afterbodies with jets is presented in figures 4.6.4-17 through 4.6.4-21. The influence of free
stream Mach number on afterbody pressure is given in figure 4.6.4-17 for a convergent nozzle
with the indicated geometry and pressure conditions. Figures 4.6.4-18a and 4.6.4-18b present the
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elkets of the ratios of jet total pressure to ambient pressure and of jet diameter to body
diaml'ter, respectively, on base pressure. In these two figures the free-stream and exit Mach
numbers 3ft:: constant. For the given free-stream and geometric parameters, divergence of the
nozzle significantly increases the base pressure, causing a decrease in base drag. The importance
of nozzle divergence angle is shown in figure 4.6.4-19

The low-speed air at the base of a boattailed afterbody can interact with the boundary layer of
the exterior flow. If the jet pressure is sufficiently high, the interaction will increase the pressure
ill the boundary layer on the rear of the afterbody, decreasing the afterbody drag. Figure
4.1,,4·20 presents the probably favorable effects of boattail angle and nozzle divergence angle on
l1I'th the base ll'essure and afterbody drag.

The unl'lVorable effects on base pressure caused by the flaring of an afterbody are presented in
tigure 4.6.4-21. The flared afterbody is also hkely to have more afterbody drag because of its
forward-fal:ing slopes.

Jet Power Lift Effects on Drag Due to Lift

The power-an drag due to lift is obtained from the following equation:

4.6.4-n

is thewhere CL is the power-off lift coefficient required for the given flight condition, (CD )
L power

off

drag due to lift corresponding to CLobtained by the method of Section 4.1.5.2, (tiCL)T and (tiCL)N.
J

are found in Section 4.6.1.

Sample Problem

The configuration used in this sample problem is the same as that used in the sample problem of

Section 4.6.1, paragraph B.

Given:

C
L

~ 0.75

4.6.4-10

- 0.0446

0.00655
(Section 4.6.1)



Compute:

0.16 (Section 4.1.5.2)

Determine the power-<>n drag due to lift

(equation 4.6.4-n)

:;: 0.16
[
0.75 -- 0.0446 _. 0.00655 ] 2

0.75

= (0.16) (0868)

= 0.139
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4.7 GROUND EFFECTS AT ANGLE OF ATTACK

Methods are presented in subsequent sections for estimating ground effects in the linear-lift range
on lift, pitching moment, and drag.

In order that the Datcom user may better understand ground effects, a qualitative discussion
regarding various aspects of ground effects is presented.

Because of the obvious influence of ground proximity during the takeoff and landing phases, it has
been the subject of considerable investigation., However, despite this consideration, an adequate
amount of reliable ground-effects data does not appear in the literature. In particular, the prediction
of CL , acL and pitching moment need additional investigation in ground effects.

max max

The effects of ground proximity generally become measurable at a height above the ground of one
wing-span and increase in magnitude as the height above the ground decreases. Both theoretical and
experimental investigations indicate that ground proximity produces an increase in the lift-curve
slope, a decrease in drag, and a reduction of nose-up pitching moment for most aircraft planforms in
the clean configuration. However, high-lift configurations deviate from this trend in that the ground
effect tends to reduce the lift-curve slope (Reference I).

Wind-tunnel investigation of ground effects has been approached by using the following test1l1g
techniques: (I) fixed ground plane, (2) moving-belt ground pl.ne, and (3) an image-model aircraft
with respect to a fictitious ground. The fixed ground-plane technique provides the m0s1
straightforward approach to simulation. However. this approach does not giv.. a true representation
of the phenomena because of the lack of rehtive motion between the ground plane and the model.
This lack of motion permits a boun'-'"y-Iayer build-up on the ground plane that introduces an
objectionable compoQent into the simulation. Moving-helt ground-plane simulations eliminate this
undesirable feature; however, not all wind tunnels offer this capability. The third testing technique,
the image-model approach, has the disadvantage of added cost and complexity of constructing and
installing a second model in the tunnel to simulate the mirror image of the test model. Most
authorities tend to agree on the relative advantages of these different approaches. As might be
expected, results from these different testing techniques do not predict identical results for the
same configuration. The lack of agreement between various wind-tunnel results is exemplified in the
comparisons presented in References 3 and 4. In addition, these wind-tunnel predictions do not
compare favorably with the limited f1ight-test results of References 3 and 4.

The majority of the theoretical approaches analyzing ground effects employ an image-vortex theory
to represent the ground plane. The salient aspects of this theory are discussed below.

The lifting wing is represented theoretically by a bound vortex and two trailing vortices. The effect
of a ground plane on this "horseshoe" vortex system is represented by placing a mirror image of the
vortex system two ground-plane heights below the vortex system representing the wing. The
resulting plane of symmetry satisfies the boundary condition of zero vertical velocity at the ground
plane. The two vortex systems (the wing-vortex system and the image-vortex system) and the
ground plane are illustrated in Sketches (a), (b), and (c).
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Away from the ground plane, the downwash of the two trailing vortices contributes to the wing
drag due to lift by rotating the force vector rearward, as shown in Sketch (d). However, near the
ground plane, the trailing vortices of the image vortex system have an upwash component, as shown
in Sketch (c) and Sketch (e) (Reference 5). This upwash velocity component reduces the downward
rotation of the flow direction caused by the wing trailing vortices, thus decreasing the wing drag due

..

I
I

L

SKETCH (d)

---- Out of ground effect

In ground effect

Note: The lifr and drag vectors
arc displaced for clarity
of presentation.
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to lift. The classical treatment of this effect is given by Wieselsberger in Reference 6. Wieselsberger's
approach has been extended in Reference 7 by Tani, Taima, and Simidu to consider the induced
effects of the image bound vortex. Both of these approaches are summarized in Reference 8. As
mdicated in the side view of the vortex system presented as Sketch (b), the bound vortex of the
image-vortex system will reduce the longitudinal velocity component at the wing bound vortex,
thus modifying the circulation of the wing bound vortex. These effects of the image bound-vortex
syster,1 become more predominant as the height above the ground is reduced.

Improved theoretical analyses of the effects of ground proximity have been formulated using
lifting-surface theory. Because of the general nature of lifting-surface theory, computer programs
have been generated to facilitate the computations. Reference 9 presents an example of an
image-vortex representation using lifting-surface theory, generalized to apply to a straight-tapered
wing in nonviscous flow.

The influence of ground effects on the lateral-control characteristic-s of aircraft has received
consideration in References 10 through 12. Results of Reference 10 suggest that ground effects
completely alter the basic lateral characteristics of slender aircraft during the period immediately
preceding touchdown. As a result, disturbances in bank angle are df1stically attenuated just prior to
aircraft touchdown.

The influence of wing-tip fairings and wing-tip end plates is examined in References 13 through 15.
The general effect of these wing-tip devices is an increase in lift-curve slope and a reduction in
induced drag, which generally results in a significant increase in the lift-drag ratio.

The reader is referred to Reference 16 for a comprehensive literature search and survey of the
literature available prior to 1966 in the general field of wings operating in ground effect and related
phenomena. Comments are included in this reference regarding some of the papers published, along
with sketches of the methods of approach taken by the authors. The bibliography presents sources
that consider the problem from the theoretical, experimental, and/or applications points bf view.
Tables are included that provide a convenient breakdown of the various sources, for a quicker
method of locating specific references dealing with an area of special interest to the reader.

A list of pertinent references is included at the end of this section, following a list of notation used
in subsequent sections.
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A

B

b'I

b'w

c

NOTATION

wing aspect ratio

parameter accounting for change in circulation

effective wing span

effective span for increment in load due to flaps

effective span for unflapped wing

wing mean aerodynamic chord

wing ,Jr~g coeffici~nt,
drag

qS

(CLI)WB

C. (C.CL)flap

(C.CL)G

(C.CLH)G

drag coefficient due to lift

increment in drag due to lift in the presence of the ground

wing-body drag coefficient In absence of ground plane

wing-body drag coefficient in the presence of the ground

zero-lift drag coefficient

wing lift coefficient in absence of ground plane

increment in lift coefficient due to flaps in absence of ground plane

wing-body lift coefficient including flap effects, out of ground effect

empirical factor accounting for flap effects in the presence of the ground

increment in lift coefficient in the presence of the ground

increment in horizontal-tail lift coefficient in the presence of the ground

CL max
maximum lift coefficient,

maximum lift

qS
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wing-body lift coefficient in absence of ground plane

incTt:ment in wing-body lift L'oefficient in the presence of the ground

wing-hody lift-curve slope

increase in pitching moment in the presenl:C of the ground

increase in horizontal~tail pitching moment in the presence of the ground

increase in wing-body pitching moment in the presence of the ground

ratio of wing root chord to wing span

height of quarter-chord point of wing mean aerodynamic chord above the ground

height of quarter-(:hord point of horizontal-tail mean aerodynamic chord above the
ground

average heIght above the ground of the quarter-chord point of wing chord at 75
percent semispan and the three-quarter-chord point of the wing root chord (see
sketch on Figure 4.7.1-14)

height of the quarter-chord point of the wing root chord above the ground

parameter accounting for effective wing thickness

distance from moment reference center lo the quartcr~~hord point of horizontal-tail

MAC, measured parallel to body center line

paralT'eter accounting for effed of image bound vortex on lift

distance from wing apex to moment reference center measured in wing mean
aerodynamic chords, positive aft

effective dynamic-pressure ratio at horizontal tail

parameter accounting for ~ffect of finite span

ratio of area of horizontal tail to wing area



T

(~ )
m"

x

In

f

a

parameter accounting for reduction in longitudinal velocity

ratiu of maximum wing thickness to wing chord

parameter accounting for effect of image trailing vortex on lift

the chordwise distance from the quarter-chord point of the 75-percent-semispan
chord to the three-quarter-chord point of the wing root chord, positive when the
laller is aft of the former (see Figure 4.7.1-14)

distance from the wing apex to the wing-body aerodynamic center, positive for a.c.
aft of wing apex

increment in angle of attack

wing angle of allack at maximum lift coefficient

increment in angle of allack at a constant lift coefficient in the presence of the
ground

increment in angle of allack of the horizontal tail in the presence of the ground

downwash angle out of ground effect

increment in downwash due to ground effect in linear-lift range

sweep angle of the wing quarter-chord

Prandtl interference coefficient
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4.7.1 GROUND EFFECfS ON LIFT VARIAnON WITH ANGLE OF ATTACK

Methods are presented in this section for estimating the ground effects on lift in the linear-lift
region. The reader is referred to Section 4.7 for a basic discussion of various aspects of ground
effects.

Representation of the ground plane by an image-vortex system (see Sketches (a). (b), and (c) JI1

Section 4.7) enables the ground effects on lift to be identified (Reference i) as follows: (I) the
decrease in longitudinal velocity at the real wing due to the reflected bound vortex, (2) the change
in circulation about the real wing due to the reflected bound vortex, (3) the increase in induced
upwash at the real wing due to the reflected trailing vortices, and (4) the change in the flow pattern
due to the finite thickness of the wing. The first two effects are opposite and approximately equal,
while the effects of wing thickness are generally small. As a result, the ground effects on lift can be
approximated by considering only the increase in the upwash. This is the approach taken in the
classical theoretical treatment of ground effects by Wieselsberger in Reference 2. Wieselsberger's
method of approach has been extended in Reference 3 by Tani, Taima, and Simidu to include the
induced effects of the reflected bound vortex and of wing thickness.

The increase in aircraft lift due to ground proximity decreases in magnitude as the height above the
ground increases. Flight-test data from Reference 4, showing the increase in lift due to ground
effects at a constant angle of attack as a function of ground height, are presented in Sketches (a)
and (b) for the F5D-I and XB-70 airplanes, respectively. These trends are representative of the
variation of lift due to ground effects that might be expected from similar aircraft.
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Lmpirical prl'Jidion methods have been formulated for low-aspl'd-ratio delta configurations in
Rd'nencL's 5, h. and 7. Howevl:r. calculated ground effects using thL'Sl' methods do not compare
favorably with the night-test data of Reference 4. The comparisons indicate an inability to predict
al"l"uratcly thl' vmiation of ground effect on lift as the height above the ground is varied.

The ground effects on lift are determined somewhat by the plan form of the configuration. For

IOW~Jsr('d-ratiodelta configurations, the general trend is a constant increase in CL due to ground
effect. as shown in Sketch (c) (Reference 8). However. transport-type configurations show quite a
different trend. as presented in Sketch (d) (Reference 8). This trend is dependent upon the type of

high-lift s) stem employed. Computer programs utilizing lining-surface theory are currently the
most favorable means of evaluating the effects of various components of high-lift systems on ground

dTects.
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DATCOM METHODS

For most vehicles. calculating the change in lin due to ground effects consists of evaluating two
components:

I.

1

4.7.1-1

the change in wing-body lift

the change in tail-body lin due to the effects of downwash



The change in tail-body lift due to the presence of the ground is generally small in comparison to
the downwash effects and is neglected in the Datcom methods. For canard-type configurations the
change in downwash due to ground effect should be accounted for in the wing contribution.

Both of the Datcom methods presented require the user to construct wing-body and tail-body lift
curves in ground effect based on their corresponding free-air lift curves. Equations are given that
calculate the change in angle of attack due to ground effect at a constant lift coefficient. The
ground-effect lift curves are then constructed by shifting the free-air lift curves at every CL by the
corresponding increment in angle of attack due to ground effect at constant lift coefficients (see
Sketch (e».

IN GROUND EFFECf
R E AIR

a

SKETCH (e)

Method I

This method estimates the ground effects on lift in the linear-lift range for a subsonic transport
configuration. The method is an extension of the Tani method of References 3 and 4 and includes
the effects of taper ratio, sweep-back, dihedral, and flap deflection, while neglecting the effects of
wing thickness since they are generally small. The wing-flap effects are valid only for split and
slotted flaps as they are accounted for by empirical curves. The first term in Equation 4.7 .I-a
accounts for the effects of the trailing vortex, the second term for the effects of the bound vortex,
and the third term for Wing-flap effects. The method does not account for the effects of
wing-Ieading-edge devices.

The change in wing-body angle of attack at a constant lift coefficient due to ground effect with
respect to the out-of-ground-effect lift curve is given by

(<la)G = -[92+7.16(~)] (CLf)WBX-2(C~) C)(~ -I) (CLf)WB'
• WB

(6r/50)2

( )
<l (<lCL)nap (per deg) 4.7 .I-a

CL • WB

4.7.1-3



A

b

L

r

is the wing aspect ratio.

is the ratio of wing root chord to wing span.

is the wing-body lift coefficient including flap effects, out of ground effect,
obtained from test data or Section 4.3.1 and Section 6.1.4.1.

accounts for the effects on lift due to the image trailing vortex and is obtained
from Figure 4.7.1-14 as a function of wing geometry and the wing height above
the ground.

is the wing-body lift-curve slope, per degree, out of ground effect, obtained
from test data or Section 4.3.1.2.

accounts for the effects on lift due to the image bound vortex and is obtained
from Figure 4.7.1-15 as a function of wing geometry, lift coefficient, and the
height of the quarter-chord point of the wing root chord above the ground.

accounts for the effect of finite span and is obtained from Figure 4.7.1-16 as a
function of wing height above the ground.

is an empirical factor to account for the effect of flaps and is obtained from
Figure 4.7.1-17 as a function of the height of the quarter-chord point of the
wing root chord above the ground.

In the linear-lift region, the change in downwash (a decrease) on the tail-body due to ground effects
is derived theoretically by representing the ground plane as an image-vortex system. A modification
to the method of Reference 9 is given in Reference 10, wherein certain geometric terms are
redefined. This modified method is the method presented in the Datcom. The change (a decrease)
in tail-body downwash due to ground effects in the linear-lift range is given by

where

4.7.\-b

f

H

4.7.1-4

is the difference between the downwash in free air and the downwash in
ground effect.

is the downwash out of ground effect.

is the height of c/4 of the wing above the ground.

is the height of c/4 of the horizontal tail above the ground.



is the effective wing span defined as

4.7.1-c

where

is the wing-body lift coefficient, flaps retracted, out of ground
effect, obtained from test data or Section 4.3.1.

is the change in lift coefficient due to flaps, out of ground
effect, obtained from test data or Section 6.1.4.1.

4.7.1-d

4.7.1-e

b'w
The ratio - is given in Figure 4.7.1-18a as a function of taper ratio and

b b'
aspect ratio, and1 is given in Figure 4.7.1-18b as a function of the ratio

w
of flap span to wi l<g span.

The horizontal-tail lift curve in ground effect is constructed by shifting the free-air lift curve at
every CL by the corresponding -(':\€)G' i.e.,

4.7.I-f

Method 2

This method estimates the ground effects on wing-body lift in the linear-lift range for all
configurations not included in Method I. The method is Tani's method from References 3 and II,
modified to include the effects of dihedral. The change in wing-body angle of attack due to ground
effects with respect to the out-of-ground-effect lift curve is given by

-rB + K (..!..) (per deg)
C max

4.7.I-g

4.7.1-5



where

a

T

B

K

is PrandU's interference coefficient from multiplane theory and is obtained
from Figure 4.7.1-19 as a function of wing height above the ground.

accounts for the effect of finite span and is obtained from Figure 4.7. J-16 as a
function of wing height above the ground.

accounts for the reduction of the longitudinal velocity and is obtained from
Figure 4.7.1-20 as a function of wing height above the ground.

accounts for the change in circulation and is obtained from Figure 4.7.1 -21 as a
function of wing height above the ground.

accounts for the effective wing •. lickness and is obtained from Figure 4.7.1-22
as a function of wing height above the ground.

is the wing-body lift-curve slope, per degree, out of ground effect, obtained
from test data or Section 4.3.1.2.

is the ratio of maximum wing thickness to wing chord.

is the wing-body lift coefficient including flap effects, out of ground effect,
obtained from test data or Section 4.3.1 and Section 6.1.4.1.

The change in lift on the horizontal tail due to ground effect is accounted for in the same manner as
in Method 1 above.

Sample Problems

I. Method I

Given: a jet-transport configuration

Wing Characteristics:

A = 6.8

0.30

c,
-=
b

b

0.291

1864.4 in.

0.29

0.54

35°

50°

4.7.1-6

H 158 in.
(
CL ) = 0.078 per deg (test data)

• WB

h

b/2
0.168



.<1 x

b/2
= 0.04 Slotted Oaps

From wind-tunnel-test data (out of ground effect):

• 0 2 4 6 8 10(deg)

(CL')WB
1.19 1.35 1.50 1.66 1.82 1.96(with flaps)

CLw•
0.18 0.34 0.49 0.65 0.81 0.97(without flaps)

.6C
Lf 1.01 1.01 1.01 1.01 1.01 0.99

Tail Characteristics:

A = 3..79
c,
- =
b

0.386 = 35° = 0.377

HH = 233.7 cos a - 664.1 sin '"

From wind:tunnel-test data (out of ground effect):

• 0 2 4 6 8 10(dogl

CLH -o.60S -0.535 -0.475 -0.415 -0.360 -0.300

• 5.1 6.0 6.9 7.8 8.8 9.7(deg)

Compute: The change in wing-body lift due to ground effect

x = 0.56 (Figure 4.7.1-14)

=
(6.28){0.67I )

= 13.6 CL

4.7.1-7



(CL')WB
L

- -1
• 13.6 CL

L•

ld-U) (test! IFig. 4.7.1·161

0 1.19 16.2 -0.04

2 1.35 18.4 -0.09

• 1.50 20.4 -0.13

6 1.66 22.6 -0.175

8 1.82 24.8 -0.205

10 1.96 26.7 -0.212

r ~ 0.845 (Figure 4.7.1-16)

t> (t>CL) flap ~ -0.083 (Figure 4.7.1-17)

Solution:

[
9 12 C'l () A ( c, ) ( L )-~+7.16b CLfW8X-2(CL) b L

o
- I

• WB

(Equation 4.7.I-a)

[
9.12 1 () (6.8)(0.291)(0.845)( L )

~ - -+7.16(0.291) (0.56) CL - -- 1
6.8 f WB 2(0.078) Lo

(50/50)2

0.078
(-0.083)

4.7.1-8

• (CL')WB L
(.o.Q;)G

(degl (telt)
--1

'doglLo

0 1.19 -0.0' -0.71

2 1.35 -0.09 -0.23

• 1.50 -0.13 0.27

6 1.66 -0.175 0.99

8 1.82 -0.206 1.57

'0 1.96 -0212 1.78



The in-ground-effect lift curve can be constructed and is shown in Sketch (f). A comparison of the
predicted lift curve to wind-tunnel-test data is shown in Sketch (g).
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SKETCH(f)

8 12 -4 o 4

a (deg)

SKETCH (g)

8 12

Compute the change in downwash at the horizontal tail due to ground effect

b'w
b = 0.725 (Figure4.7.1-18a)

br
bW = 0.70 (Figure4.7.1-18b)

bW = (bb
W) b (Equation4.7.1-d)

= (0.725) (1864.4)

= 1352 in.

4.7.1-9



( t)
b;.: )(bb'W) bb, (Equation 4.7.1-0)

(070) <0.725) (1864.4)

~ 946 in.

C1 + ACL'WB r

C
LWB

AC
Lr

--+--
b~ b~

(Equation 4.7.1-c)

• C'-wB aC
Lf beff

(deg) (test) (test) lin,}

a 0.18 1.01 991

2 0.34 1.01 1023

4 0.49 1.01 1049

6 0.65 1.01 1072

B 0.81 1.01 '092

'A 0.97 0.99 1111

The height of the quarter-chord of the horizontal-tail MAC above the ground is calculated by

HH = 233.7 COS'" - 664.1 sin '"

• a 2 4 6 B 10

HH (in.1 233.7 210.3 lB6.6 163.1 138.7 114.8

(Equation 4.7 .l-b)

(Equation 4.7.I-f)

• beft H HH , lA-fiG (Ao: H)

(dog)
G

lin.) tin.! (in.! (deg) Ideg) (deg)

0 991 158.0 233.7 5.1 3.21 -3.21

2 1023 158.0 210.3 6.0 3.99 -3.99

4 1049 158.0 186.6 6.9 4.83 -4.83

6 1072 158.0 163.1 7.8 5.74. -5.74

8 1092 158.0 138.7 8.8 6.80 --6.80

10 1111 158.0 114.8 9.7 7.86 -7.86

4.7.1-10



The in-ground-effect lift curve can be constructed for iH = _6° and is shown in Sketch (h). No test
data are available for comparison.

.4

CLH
i."¢.~

0
(,'J\-j'/'/
~

8 -4 0
"U/ " 12

~~Q.. Y a (deg)
~~/

o\)~ --~
~~ ~~~\J
~ .......-:: /I.\V- C

.8

\'~y

SKETCH (h)

2. Method 2

Given: the F5D-I aircraft

Wing Characteristics:

A = 2.02

(.!. ) = 0.05
c max

h
::- = 0.329
c

h

b/2
= 0.36 0.0363 per degree

(test data)

From wind-tunnel-test data:

Q

(dog)
0 2 4 6 6 10 12 14 16

C
LwB

-0.023 0.046(free air) 0.12 0.194 0.267 0.34 0.416 0.495 0.572

4.7.1-11



CompUk.

a ~ U.3~2 (Figure 4.7.1-19)

r ~ 0.703 (Figure 4.7. 1-16)

K 4.() (Figure 4.7. 1-22)

r ~.06 (Figure 4.7.1-20)

C
LWB

-0.023 0.048 0.12 0.194 0.267 0.34 0.418 0.495 0.572
(test I

B (deg)
- 0.12 0.30 0.50 0.68 0.86 1.04 1.21 1.41(Fig.4.7.1·21l

Solution:

rT(CL ) 2
r WB

+
573 (CL )

o WB

(Equation 4.7.I-g)

--

(C L ) a 'T (CL ) 2
(4a)G

C'-wB
Ideal

0 f WB f WB K(7L-18.24 -,8 IEq.4.7.1-9)(deg) (test) A 57.3(CL ) 0+G}G)+0o WB

0 -0.023 0.067 0.0011 - 0.23 0.298

2 0.048 -0.140 0.0047 --<>.0844 0.23 0.010

4 0.12 -0.349 0.0295 --<>.211 0.23 -0.300

6 0.194 -0.564 0.0771 --<>.352 0.23 --<>.609

8 0.267 -0.776 0.146 -0.478 0.23 --<>.878

10 0.34 -0.989 0.237 --<>.605 0.23 -1.127

12 0.418 -1.216 0.358 -0.731 0.23 -1.359

14 0.495 -1.440 0.502 -0.851 0.23 -1.559

16 0.572 -1.663 0.670 --<>.991 0.23 -1.754

The calculated F5D-I lift curve in ground effect is now constructed in Sketch (i) by shifting the
free-air lift curve at every CL by the corresponding (da<)G' A comparison of the predicted lift
curve to wind-tunnel-test data is shown in Sketch (j).

4.7.1-12
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4.7.3 GROUND EFFECTS ON PITCHING-MOMENT VARIATION
WITH ANGLE OF ATTACK

A method is presented in this section for estimating the ground effects on pitching moment in the
linear-lift region. The reader is referred to Section 4.7 for a basic discussion of various aspects of
ground effects.

The change in pitching moment due to ground effects is due primarily to the change in lift on the
horizontal tail, which in most cases can be attributed to the change in downwash. An additional
pitching-moment increment is produced by the increased lift on the wing and any possible shift in
the aerodynamic center due to ground effect.

DATCOM METHOD

The method presented herein is based upon the lift estimates of Section 4.7.1. The method assumes
no change in the location of the wing aerodynamic center due to ground effects. The total change in
pitching-moment coefficient due to ground effects is the sum of the changes of the horizontal-tail
body and wing-body pitching-moment components, based on the product of wing area and wing
MAC, and is expressed as

4.7.3-a

The change in pitching-moment coefficient of the horizontal-tail-body due to ground effects may be
expressed as

4.7.3-b

where

is the change in lift on the horizontal-tail-body at a given angle of attack due to
ground effect, based on the horizontal-tail area, and is found from the tail-body
lift curves constructed by using Section 4.7. J.

is the distance from the quarter-chord point of the horizontal-tail MAC to the
moment reference center, measured parallel to the body center line.

c is the wing mean aerodynamic chord.

is the ratio of horizontal-tail area to wing area.

is the effective dynamic-pressure ratio at the horizontal tail, obtained from
Section 4.4.1.
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The change in pitching-moment coefficient of the wing-body due to ground effects may be
expressed as

where

4.7.3-c

n is the distance from the wing apex to the desired moment reference center
measured in wing mean aerodynamic chords, positive aft.

is the wing-body aerodynamic-center location measured from the wing apex,
positive for a.c. aft of wing apex, obtained from Section 4.3.2.2.

is the wing mean aerodynamic chord.

is the change in lift due to ground effect on the wing-body and is found from
the wing-body lift curves constructed by using Section 4.7.1.

Sample Problem

Given: Same jet-transport configuration as Sample Problem I of Section 4.7.1.

Wing-Body Characteristics:

~ 1.182
c

n ~ 1.242

From Sample Problem I of Section 4.7.1:

•
(cUg) 0 2 4 6 8 10

(ACLw.)a 0.04 0.01 -0.025 -0.06 -0.09 -0.11

Tail Characteristics:

~ 0.377 = 0.95

From Sample Problem 1 of Section 4.7.1:

•
(dog) 0 2 4 6 8 10

(ACLH)a 0.255 0.305 0.355 0.415 0.470 0.530

4.7.3-2



Compute:

= -('~CLH)G (2.43){O.377){O.95)

(Equation 4.7.3-b)

•
ldogl 0 2 4 6 6 10

("CmH)G --{l.222 --{l.266 --{l.309 --{l.361 --{l.409 -0.461

= (1.242 - 1.182) (DoCL )
WB G

(Equation 4.7.3-e)

•
ldog) 0 2 4 6 8 10

("Cm ~ 0.0024 0.0006 --{l.OOI5 --{l.0036 --{l.0054 --{l.0086
we G

Solution:

(Equation 4.7.3-a)

•
(dog) 0 2 4 6 8 10

("Cm)G --{l.220 --{l.264 --{l.311 --{l.365 --{l.414 --{l.461l

No test data are avpilable for comparison.
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4.7.4 GROUND EFFECfSON DRAG AT ANGLE OF ATTACK

In this section, methods are presented for estimating the ground effects on drag in the linear-lift
region. The reader is referred to Section 4.7 for a basic discussion of various aspects of ground
effects.

The drag of a vehicle in the presence of a ground plane is affected in three ways.

I. The drag due to lift is decreased.

2. A change in the drag at zero lift is also experienced, but is small relative to the change in
drag due to lift.

3. The presence of a ground plane introduces a pitching-moment increment (Section 4.7.3),
which changes the drag due to lift of the trimmed vehicle.

The second effect is ignored in most calculations and is not presented in the Datcom.

Two methods are presented to determine the reduction in drag due to lift in the presence of the
ground. Both methods are based on an image-vortex representation of the ground plane (see
Sketches (a), (b), (c), and (d) in Section 4.7). The method of Wieselsberger from Reference I
considers only the effects of the bound image vortex. However, the method of Tani (References 2
and 3) considers the effects of both the bound and trailing image vortices.

The change in drag due to lift resulting from trimming the pitching-moment increment due to
ground effect consists of a synthesis of material presented in other sections.

OATCOM METHODS

Change in Trim Drag Due to Ground Plane

Procedures for calculating the drag increment tlue to longitudinally trimming a vehicle are presented
in Section 4.5.3.2. To determine trim drag in ground effect, the pitching-moment increment due to
ground effect (ACm) G of Equation 4.7.3-a is added to the vehicle pitching moment out of ground
effect. The combined pitching moment is then used in the standard procedure for determining trim
drag out of ground effect (Section 4.5.3.2).

Change, Due to Ground Effect, of Drag Due to Lift of the Wing

According to Reference 3, the two methods presented herein for predicting ground effects on drag
due to lift give nearly identical re~ults at moderate to large ground heights. Therefore, Method I is
preferred for its simplicity. At ground heights within the approximate range 0.3 ;;;. hlb > 0
however, Method 2 should be used, since its accuracy is significantly belter than that of Method I
in this range. Both methods have been modified slightly to include the effects of wing dihedral.
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Neither Method I nor Method 2 is very successful in estimating ground effects on drag with flaps
down. At low heights above the ground, Method 2 gives results closer to experimental data than
does Method I, although both methods underestimate the reduction of drag in ground effect. At
intermediate heights above the ground, the two methods yield nearly equivalent results.

Method I

The change in wing drag due to lift caused by ground effect as determined by Wieselsberger
(Reference I) is given by

where

oC 2
L

"A
4.7.4-a

o is Prandtl's interference coefficient from multiplane theory and is obtained from
Figure 4.7.1-19 as a function of wing height above the ground.

CL is the lift coefficient of the wing out of ground effect, obtained from test data or
estimated by using the method of Section 4.1.3.3.

A is the wing aspect ratio.

The total drag of a wing-body configuration in ground effect is then given by

4.7.4-b

where CDW B is the total drag coefficient of the wing-body configuration out of ground effect
obtained from test data or Section 4.3.3.2, and (ACDL)G is obtained by using either
Method I or 2.

Method 2

The reduction in drag due to lift as determined by the method of Tani (References 2 and 3) is given
by

where

_(c _oCL
2

) rTCL

D "A 57.3
4.7.4-c

r

4.7.4-2

is the wing-alone drag coefficient corresponding to CL out of ground effect, obtained
from test data or estimated by the method of Section 4.1.5.2, i.e., (CDo + CD L) .

accounts for the condition of finite span and is obtained from Figure 4.7.1-16 as a
function of wing height above the ground.



T accounts for the reduction of the longitudinal velocity and is obtained from Fig
ure 4.7 .1-20as a function of wing height above the ground.

AU remaining parameters have been defined in Method I above.

The total drag of a wing-body confIgUration in ground effect is calculated by using the procedure in
Method I above; i.e.,

4.7.4-b

The sample problems presented below illustrate the use of both Methods I and 2 applied to a
wing-alone configuration. It should be noted that, in applying Method 2 to a wing-body
configuration, the value of CD in Equation 4.7.4-c is that of the wing alone. If no test data are
available for the particular configuration, the wing drag may be estimated by using the method of
Section 4.1.5.2, as noted previously. On the other hand, if only wing-body test data are available, it
is suggested that the wing-body result be used instead of attempting to estimate a wing-alone value.

Sample Problems

I. Method I

Given: The sweptback wing of Reference 4

Wing Characteristics:

A = 4.01 b = 11.375 ft c = 2.89 ft

Additional Characteristics:

h = 1.97 ft

The foUowing drag variation with lift (out ofground effect) from Reference 4:

CL 0.10 0.20 0.40 0.60 0.10 0.60

Co
0.11063 0.0083 0.0220 O.ll4OO 0.0600 0.0650Wing Alone

Compute:

h/(b/2) = (2)(1.97)/11.375 = 0.346

o = 0.33 (Figure 4.7.1-19)
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Solution:

(Equation 4.7.4-a)

0.33 Cl
2

- -
(3.14)(4.01)

··0.0262 Cl
2

o
cL C 2

(ACOL)G
L

(Eq.4.1.4..1

-0.0262 0
0.10 0.01 --<J.0003

0.20 0.04 -0.0010

0.40 0.16 -0.0042

0.60 0.36 ~O.OO94

0.10 0.49 -0.0128

0.80 0.64 -0.0168

The calculated results are compared with test values from Reference 4 in Sketch (a).

2. Method 2

Given: The same configuration as that of Sample Problem I

Compute:

(see Sample Problem 1)

r; 0.712 (Figure 4.7.1-16)

T ; 3.24 (Figure 4.7.1-20)

rT ; (0.712)(3.24) = 2.31

Solution:

4.7.4-4

(
UCl

2
) rTCl

- Co -
1IA 57.3

(Equation 4.7.4-c)



o
2

(. aC 2) (CO _ aCe2) rTCe ("CoclGCo aCe

Co - ,,~C2 --Ce .A (Eq.4.1.4-<:)
Wing Alone e ."A 57.3

0.0262 0 0-0 0.0403 00 -0-0
0.10 0.0053 0.01 0.0003 0.0050 0.00002 -{l.0003

0.20 0.0093 0.04 0.001.0 0.0083 0.0001 -0.0011

0.40 0.0220 0.16 0.0042 0.0178 0.0003 -0.0045

0.60 0.0400 0.36 0.0094 0.0306 0.0007 -{l.0101

0.70 0.0500 0.49 0.0128 0.0372 0.0011 -0.0139

0.80 0.0650 0.64 0.0168 0.0482 0.0016 -0.0184

The calculated results are compared with test values from Reference 4 in Sketch (a).

--0
~,...

f

/
/ 0 Test points- Method I

-- Method 2,

1.0

.8

.6

CI:
.4

.2

0
o

SKETCH (a)
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4.8 LOW-ASPECT-RATIO WINGS AND WING-BODY
COMBINATIONS AT ANGLE OF ATTACK

During recent years much work has been done on problems associated with the design and operation of
advanced flight vehicles. These vehicles include re-entry configurations and those designed for hypersonic
cruise. The requirement that these vehicles operate within the atmosphere at hypersonic speeds necessitates
the use of configurations that are not well suited for subsonic flight at low altitudes. The configurations
proposed for this type of mission feature, for the most part, extremely low aspect ratios of the order of two
or less, and thick, generously-rounded lifting surfaces. These configurations also often have large blunt
bases.

The subsonic flow about these vehicles is extremely complex, so much so that in most cases the use of
available theoretical methods does not result in satisfactory estimates of the aerodynamic characteristics for
this type of vehicle. The methods presented in this section for estimating the aerodynamic characteristics of
advanced flight vehicles at subsonic speeds are necessarily semiempirical in nature. The methods are based
on test data, which have been correlated with the aid of the extension of available theory. A large portion
of the material is related to delta and modified-delta configurations, since a major portion of the pertinent
theory and test results relate to these planforms.

In the following group of sections (4.8.1,4.8.2, and 4.8.3) methods are presented for estimating the normal
force, axial force, and pitching moment on specific types of advanced flight vehicles at angles of attack up
to 200.

The aerodynamic forces acting on the vehicle are illustrated in figure 4.8-12. In the lift axis system, the
force is resolved into components perpendicular to and parallel to the free stream, called the lift and drag,
respectively. In the normal-force axis system, the force is resolved into components perpendicular to and
.parallel to the zero-normal-force reference plane, called the normal force and axial force, respectively. For
unsymmetrical configurations the zero-normal-force reference plane is inclined at some angle aN 0 to the
body horizontal plane. The body horizontal plane passes through the most forward point on the vehicle
nose and its inclination to the free stream defines the angle of attack a in the familiar lift axis system (see
figure 4.8-12). The normal-force and axial-force coefficients and the angle of attack of unsymmetrical
configurations are designated as CN', Cx', and a; respectively. For symmetrical configurations aNo = 0
and a' =a, and the zero-normal-force reference plane coincides with the body horizontal plane of
symmetry. For symmetrical configurations the normal-force and axial-force ceofficients are designated
as CN and Cx, respectively.

The equations relating lift, drag, normal foice, and axial force are as follows:

For unsymmetrical configurations

~' '= CL cos a' + CD sin a

Cx ' =-Co cos a' + CL sin a

4.8-1



For symmetrical confIgUrations (symmetry about the Z = 0 plane)

The pitching-moment coefficient at a specified angle is independent of the axis system.

The normal-force axis system is used throughout the following group of sections, since it was found to be
more convenient in the correlation of the available test data.

Many of the available test results do not separate the base pressure from other aerodynamic forces.
Therefore, the total axial force is analyzed in Section 4.8.2 by separating it into a component produced by
base pressure plus a component related to the viscous forces acting on areas other than the base.

A general notation list is included in this section for all sections included under Section 4.8.

Sketches showing planform geometry for nearly all the configurations analyzed in Sections 4.8.1.1 through
4.8.3.2 are presented in table 4.8-A.

NOTATION

SYMBOL

A

B

b

cr

4.8-2

DEFINITION

aspect ratio of surface

tan 6
blunting parameter,

Jtan2 6 + 2

surface span

maximum span of base

surface root chord

maximum height of base

SECTION

4.8.1.2
4.8.2.2
4.8.3.2

4.8.3.2

4.8.1.2
4.8.2.2
4.8.3.2

4.8.2.1
4.8.2.2

4.8.1.2
4.8.3.2

4.8.1.1
4.8.2.1
4.8.2.2



SYMBOL

M

N'

p

S

Veo

v

x

DEFINITION

total length of body

Mach number

normal force, perpendicular to zero-normal-force reference plane
(unsymmetrical configuration)

perimeter of base (see figure 4.8.2.1- 7a)

free-stream dynamic pressure

Reynolds number

effective radius of round leading-edged wing, perpendicular to leading
edge at c,/3 from the nose (see figure 4.8.1.2-llb)

planform area

base area

projected frontal area perpendicular to zero-normal-force reference
plane

reference area

wetted area, excluding base area

free-stream velocity

J 4 tan 9blunting parameter, I - A

axial force parallel to zero-normal-force reference plane (unsymmetri
cal conf"lguflItjon)

SECTION

4.8.1.1
4.8.2.1

4.8.1.2
4.8.2.2
4.8.3.2

4.8.2.2

4.8.2.1

4.8.2.2

4.8.1.2
4.8.2.2
4.8.3.2

4.8.1.2
4.8.2.2

4.8.1.2
4.8.2.1
4.8.2.2
4.8.3.2

4.8.2.1
4.8.2.2

4.8.1.2
4.8.2.2
4.8.3.2

4.8.1.2
4.8.2.1
4.8.2.2

4.8.2.1

4.8.1.1

4.8.3.2

4.8.2.2
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SYMBOL

z

Ci

o

4.8-4

DEFINITION

calculated value of parameter at Ci

chordwise distance from the wing apex to the wing center of pressure,
positive for c.p. aft of apex

value of parameter for thin, pointed-nose delta wing

shift in thin delta wing c.p. due to nose blunting

shift in pointed-nose delta wing c.p. due to wing thickness

axial distance from the body nose to the chosen moment center

vertical distance, measured normal to the body horizontal plane,
between the centroid of the base area and the body horizontal plane,
positive as shown in figure 4.8-12

normal-force non-linearity parameter

angle of attack, positive nose up

angle of attack at zero normal force

angle of attack measured from zero-normal-force reference plane,
Ci - Ci N (see figure 4.8-12)

o

angle of attack at zero lift

total wedge angle of sharp-leading-edged wing, perpendicular to leading
edge at c,/3 from nose (see figure 4.8.1.2-lla)

effective wedge angle of sharp-Ieading-edged wing, perpendicular to
leading edge at c, /3 from nose (see figure 4.8.1.2-11 a)

average lower-surface angle of sharp leading-edged wing, perpendicular
to wing leading edge at c,/3 from nose (see figure 4.8.1.2-1 1a)

lower-surface angle of round-leading-edged wing, perpendicular to wing
leading edge at c,/3 from nose (see figure 4.8.1.2-llb)

wing semiapex angle

SECTION

4.8.2.2

4.8.3.2

4.8.3.2

4.8.3.2

4.8.3.2

4.8.3.2

4.8.1.\

4.8.1.2

4.8.1.1

4.8.1.1
4.8.3.1

4.8.1.1
4.8.2.2
4.8.3.2

4.8.1.1

4.8.1.2

4.8.1.2

4.8.1.2

4.8.1.2

4.8.3.2



SYMBOL DEFINITION

sweepback angle of wing leading edge

tip chord
taper ratio,

root chord

drag
drag coefficient, -

qS

skin-friction coefficient for incompressible now

increment in skin-friction coefficient for incompressible now

lift
lift coefficient, 

qS

SECTION

4.8.1.2
4.8.2.2
4.8.3.2

4.8.1.2
4.8.2.2
4.8.3.2

4.8.1.1

4.8.2.1

4.8.2.1

4.8.1.1

pitching-moment coefficient,
pitching moment

qS cr
4.8.3.2

pitching-moment coefficient at zero normal force 4.8.3.1
4.8.3.2

normal-force coefficient,
N

qS
, for a symmetrical configuration 4.8.1.1

normal-force coefficient,
N'

, for an unsymmetrical configuration
qS

4.8.1.1
4.8.1.2
4.8.2.2
4.8.3.2

value of coefficient at a' = 200

calculated value of coefficient at a' = 20"

normal-force-coefficient correlation factor

value of (eN'~ corrected for rounded leading edges

rate of change of normal-force coefficient with angle of attack

4.8.1.2

4.8.1.2

4.8.1.2

4.8.1.2

4.8.1.2
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SYMBOL DEFINITION

value of derivative at zero normal force

calculated value of the derivative

normal-force-curve-slope correlation factor

Pb - Poo
base pressure coefficient, ----

value of coefficient at zero normal force

value of coefficient at given angle of attack, a '

value of coefficient at a' = 200

pressure-eoefficient-ratio correlation factor

SECTION

4.8.1.2

4.8.1.2

4.8.1.2

4.8.2.1
4.8.2.2

4.8.2.1
4.8.2.2

4.8.2.2

4.8.2.2

4.8.2.2

axial-force coefficient,

axial-force coefficient,

x
qS

X'

qS

, for a symmetrical configuration

, for an unsymmetrical configuration

4.8.1.1

4.8.2.2

DoCX '
cak

4.8-6

value of coefficient at zero normal force

increment in coefficient due to angle of attack

calculated value of the increment

axial-force correlation factor at a' = 200

4.8.2.1
4.8.2.2

4.8.2.2

4.8.2.2

4.8.2.2



SYMBOL DEFINITION SECTION

4C . increment in coefficient due to base pressure 4.8.2.1
xb 4.8.2.2

4Cx ' value of increment at zero normal force 4.8.2.1
bN0

(4CXbJ value of increment at a given angle of attack, Ci 4.8.2.2

4CX; increment in coefficient due to skin friction 4.8.2.1

4Cx ' value of increment at zero normal force 4.8.2.1
eN

0
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FIGURE 4.8-12 DEFINITION OF REFERENCE-AXIS SYSTEM
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4.8.1 WING, WING-BODY NORMAL FORCE

4.8.1.1 WING, WING-BODY ZERO-NORMAL-FORCE ANGLE OF ATI'ACK

The longitudinal data for the low-aspect-ratio configurations are presented in terms of the normal-force
and axial-force coefficients of a normal-force axis system rather than the more common lift and drag
coefficients of the lift axis system. The problem arising with the normal-force axis system is that of
defining a reference plane for the nonsymmetrical configurations which specifies the direction of the
normal force and axial force. This is accomplished by defining a reference axis system which is oriented
with respect to the particular configuration so that the normal force is zero at zero angle of attack.

The defined normal-force axis system is illustrated in figure 4.8-12. The nomlal-force coefficient CN' is
perpendicular to and the axial-force coefficient Cx ' is parallel to a reference plane which passes through
the centroid of the base area and the most forward point on the vehicle nose. For symmetrical
configurations this is the plane of symmetry.

The zero-normal-force angle of attack aN 0 is defined as the angle of attack at which the normal force
acting on the body is zero. For a symmetrical configuration, the normal force is zero when the plane of
symmetry ic parallel to the free stream. Therefore, for symmetrical configurations aN 0 = O. For

unsymmetrical configurations, aN 0 may be related to an arbitrary plane as shown in figure 4.8-12. This
arbitrary reference plane is chosen so that its inclination to the free stream defines the angle of attack in
the familiar lift axis system. It is referred to as the body horizontal plane.

From the geometry of figure 4.8-12, the angle of attack a' in the defined normal-force axis system is

where

a' = a-a
NO

4.8.1.I-a

a is the angle of attack, positive nose-up, measured from the free stream to the body horizontal
axis.

is the zero-normal-force angle of attack, measured between the reference plane and the body
horizontal plane, positive as shown in figure 4.8-12.

DATCOM METHOD

The zero-normal-force angle of attack is determined from the configuration geometry as follows:

Step 1_ Determine the location of the centroid of the base area and the location of the most forward
point on the vehicle nose,

Step 2. Determine aNo as the angle between the line connecting the centroid of the base and the
most forward point on the nose, and the horizontal plane of the body.
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Values of the zero-normal-force angle of attack calculated by using this method are compared with test
results in table 4.8.I.I-A. Many of the configurations tested were complex re-entry shapes, and the reader
should refer to table 4.8-A for a more complete description of the model. Unfortunately, there are not
enough data available to illustrate a consistent effect of planform geometry on the zero-normal-force angle
of attack.

Sample Problems

I. Given: The right-triangular pyramidal body designated as configuration 1 of reference 6.

1
8

= 31.55 in.

Compute:

Cen troid of base

Nose radius = 0.1875 in. '\, = 6.44 in.

2
3

Solution:

h
b

- nose radius
2

= 3' (6.44) - 0.1875 4.106 in.

= 8.040

= tan- 1
4.106

31.55 - 2.45
= tan- 1 0.1412

This compares with a test value of aN = 8.60 from reference 6.
D

2. Given: A re-entry configuration of the wing-body group of reference I designated WB-l 0(0). This is a
round-nosed, wing-body model of 75 0 sweep back with a semicircular-body cross section at
the point of maximum thickness and with twin vertical tails.
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2.25 in.
Base Area

---t<'Y--f--Centroid

•

~
- ----_._~--~-- -

~

10 ~
( ~- -=200 'Zbao

1
0

= 20.0 in. 7_ = 0.68 in." ...
Solution:

= tan- 1 0.68

20.0
0.0340

This compares with a test value of aN = 0.300 from reference I.
o
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TABLE 4.8.1.1·A

SUBSONIC ZERD-NDRMAL·FORCE ANGLE OF ATTACK

DATA SUMMARV

O!N O!N t>O!N
0 0 0

Ideol ldog) Ideol
Rei. Configumlon Cele. T.. Cale.-Tat

1 0·7 - 2.15 - 2.5 0.35

0-8 0.20 - 0.20 0.40

0-8 0 2.50 - 2.50
0-10 - 1.45 - 1.60 0.15

WB·l 1.35 1.00 0.35

WB-3 1.45 1.70 - 0.24
WB4 1.35 - 0.30 1.65

WB-6 1.21 0.70 0.51

WB-8 1.21 0.70 0.51

WB·7 1.63 1.20 0.43

WB-8 1.57 0.90 0.67

WB-8 2.12 1.90 0.32

WB·lotOI 1.95 0.30 1.65
R·2 3.79 2.30 1.49
R·3 2.62 2.00 0.62

3 Rt.tff......l... 7.40 5.20 2.20

pvremid

4 O.tawing 0.66 0.40 0.26

w'helf-cone.......
5 • 7.23 5.50 1.73

b lbollel 6.44 6.50 - 0.06

c CbIIlel 7.15 10.20 - 3.06
d 4.40 4.60 - 0.20

B Rt. tria"..l.. 8.04 B.5O - 0.58
pvremid

7 Blunted riWit 8.91 6.30 0.61

trilnguler

pyremid

B Del_I... - 0.20 0.60 - 0.80

booIt-tlidl

9 W·II E.J - 1.80 - 2.00 0.20
W-1I1 E-3 2.40 1.80 0.60
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4.8.1.2 WING, WING·BOLlY NORMAL·FORCE VARIATION
WITH ANGLE OF ATTACK

A. SUBSONIC

This section presents a method for estimating the normal-force variation with angle of attack for a delta·
or modified-<lelta-planform re-entry configuration at subsonic speeds.

The subsonic normal-force characteristics of thin delta wings at small angles of attack can be
satisfactorily predicted through the use of linearized theory, which assumes that the flow is unseparated
and that the cross-flow components are negligible. At higher angles (a;;. 50, approximately) both
cross-flow and separation phenomena become important and these assumptions are no longer valid. The
normal force tends to increase more rapidly with angle of attack as the angle is increased.

A major factor influencing the normal-force characteristics of delta wings is leading-edge geometry.
Sharp leading edges influence relatively large amounts of air and the corresponding variation of the
normal force with angle of attack tends to be high. Rounded leading edges affect a smaller amount of
air and the normal-force-curve slope is consequently less.

The method presented herein is taken from reference I, and is based on a study of test data on
low-aspect-ratio delta wings with thick and thin surfaces, with sharp and rounded leading edges, and
with varying degrees of nose bluntness. Thin, sharp-Ieading-edged delta wings were selected as "reference
wings;' and theoretical relationships were written for the normal-force characteristics of these- planforms.
The normal-force characteristics of all the test configurations were then calculated by using these
"reference wing" relationships, and any deviation between the calculated and the test values was related
to the geometry of the wing leading edge. It was found that satisfactory correlation could be obtained
by relating the deviation in normal-force characteristics to the leading-edge geometry in a plane normal
to the wing leading edge and located one-third the length of the root chord aft of the nose.

Design charts are presented for estimating the normal-force-curve slope at CN ' ; 0, the value
of CN ' at a' ; 200 , and the characteristics of the normal-force variation with angle of attack. The
correlation parameters used to develop these charts are leading-edge radius and leading-edge angle for
round and sharp leading edges, respectively. It should be noted that as the leading-edge radius
approaches zero, the normal-force-curve slope at CN ' ; 0, the normal force at a' ; 200 , and the
normal-farce-variation parameter all approach the respective values for a sharp leading edge. Therefore, a
configuration with a small leading-edge radius can be analyzed as one having a sharp leading edge.

For configurations with round leading edges, an empirical correction factor is presented to account for
the reduction in normal force at higher angles of attack as the wing thickness is increased. This separate
correlation is required, since the limited number of test data for very thick delta wings does not correlate
well with the thin wing results.

DATCOM METHOD

The normal-force variation with angle of attack for a delta or modified-<lelta configuration at low
speeds, based on the reference area (usually the planform area), is obtained from the procedure outlined
in the following steps:

Step I. Determine the effective leading edge angle. 6'1 for sharp leading edges or the effeotive

4.8.1.2-1



leadins-edge radius R I and lower surface angle SL for round leading edges. These

"3 LE

parameters are functions of the configuration geometry in a plane normal to the leading
edge at tc, from the nose. The applicable configuration geometry is illustrated on figures

4.8.1.2-lla and 4.8.1.2-11 b.

Step 2. Determine tbe normal-force-curve slope at zero normal force (CN ' = 0) by

4.8.1.2-a

where

(
ac ,)

is the normal-force-curve slope at zero normal force aO'.~

NO

is the empirical correlation factor of normal-force-curve slope for delta
or modifled-delta configurations. It is presented as a function of the
effective leadins-edge angle for configurations with sharp leading edges
in figure 4,8.1.2-12a, and as a function of the effective leading-edge
radius for configurations with round leading edges in figure 4.8.1.2-12b.

is the calculated normal-force-curve slope at zero normal force, given by

(
1fA SF) 4= - + 2 - -- (per radian)
2 S",r 4 + A

4.8.I.2-b

where

S",r is the reference area.

SF is the projected frontal area perpendicular to the zero
normal-force reference plane (projected frontal area at
CN ' = 0).

A is the aspect ratio of the surface.
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Step 3. Determine the normal-force coefficient at a' ; 200 by

4.8.I.2-c

where

is the normal-force coefficient at a' ; 200 .

is the empirical correlation factor of the normal force for delta and
modified-delta configurations. It is presented as a function of the
effective leading-edge angle for configurations with sharp leading edges
in figure 4.8.1.2-13a, and as a function of the effective leading-edge
radius for configurations with round leading edges in figure 4.8.1.2-13b.

is the calculated normal force at a' ; 200 , given by

4.8. I.2-d

Step 4.* Determine the thickness correction to the normal force at a' ; 200 for configurations
with round leading edges by

where 6L is the lower surface angle from step I and (cN 020 is obtained from step 3.

Step 5. Determine Z, the empirical, nonlinear-normal-force correction factor. This parameter is
obtained as a function of th'e effective leading-edge angle or the effective leading-edge radius
for configurations with sharp leading edges or round leading edges, respectively, from
figure 4.8.1.2-14.

Step 6. The variation of the normal force with angle of attack is given by:

For round-leading-edged configurations

~' ; (~a) ~ a' + 8.21 1[CCN?J t - 0.349 (CNa)~ ![Z + 2.81(1 - Z)aJa'2
o 0

4.8.1.2-f

-Step 4 II ,-.qulrecl only for conflgumloM with round l-.dIng Ildga For 1h«p.Jeedlng«lged configuretlonl. 90 to tt8P 5.
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For sharp-Ieading-edged configurations the normal-force coefficient at 0/' = 200 from step 3
(CN')20 is used instead of the term [(CN'~] I in the above equation.

0/' in the above relation is in radians.

A comparison of the normal-force variation with angle of attack calculated by this method with test results
is presented as table 4.8.1.2-A. The Reynolds-number range of the test data is not sufficient to allow analysis
of the effect of Reynolds number on the normal force. However, over the angle-of-attack range of this
method (0/'';; 200 ), Reynolds-number effects should be negligible even for the thicker configurations.

Sample Problems

I. Round Leading Edge

Given: A delta model with a symmetrical diamond cross section and a blunt trailing edge. This is model
0-6 of reference 6.

~ 0.525-in. radius
(constant) I....-----1

8
•

b

A = 1.868 b = 22.116 in. Srer = S = 261.95 sq in.

SF = 57.42 sq in. (base area) R
1

= 0.525 in.
-I.E
3

Compute:

Determine the normal-force-curve slope at CN' = 0

R 1 /b = 0.525/22.116 = 0.0237
-U!
3
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[CN:Nj'u : 0.982 (figure 4.8.1.2-12b)

ca 0

= [,,( 1.868) + 2 57.42 ]
2 261.95

= 2.30 per rad

(equation 4.8.1.2-b)

4

4 + 1.868

(C
Na

). (equation 4.8.1.2-a)
calc No

= (0.982) (2.30)

= 2.26 per rad

Detennine the nonnal-force coefficient at a' = 200

[C
C.N '

J
= 0.935 (figure 4.8.1.2-13b)

Neale
1Il

= 2.195 (A + 0.61) (equation 4.8.1.2-d)
A + 4.0

(
1.868 + 0.61)= 2.195
1.868 + 4.0

= 0.927

(equation 4.8.1.2-c)

= (0.935) (0.927)

= 0.867
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Detennine the thickness correction factor to the nonnal force at a' = 200 (round leading edge)

(equation 4.8.1.2-e)

__ (I + CO

2
" 9

0
) (0.867)

= 0.862

Determine the empirical, nonlinear-normal-force correction factor

z = 0.945 (figure 4.8.1.2-14)

Solution:

"" + 8.21 J[(CN-)20J. - 0.349 (CNa\ ![Z + 2.81(1 - z)",'J,:2
o

(equation 4.8.1.2-f)

= 2.26 a'+ 8.21 10.862 - 0.349(2.26)1 [0.945 + 2.81(1 - 0.945)",']",'2

= 2.26 "" + 0.568 "" 2 + 0.0930 "" 3

cN

eil ,3 o.668a'2 {),0930a,3
(based on S)

ci a' a 226 a' I~. 4.6.1.2·f1
(d"lll lrodl (,..21 (,..31 2.26 0 0.666@ 0.0930 0 ®'®'0

0 0 0 0 0 0 0 0

6 0.0873 0.00762 0.000666 0.1973 0.00433 0.00006 0.2017

10 0.1146 0.0304S 0.006314 0.3844 0.01730 0.00049 0.4122

16 0.2618 0.06864 0.01794 0.6917 0.03893 0.001668 0.6323

20 0.3490 0.12180 0.04261 0.7887 0.08918 0.003963 0.8618

The calculated results are compared with test values from reference 6 in sketch (aJ and in table 4.8.1.2-A.
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2. Sharp Leading Edge

Given: A delta model with a symmetrical diamond cross section and a blunt trailing edge. This is model
D-3 of reference 6.·

J-----IB----....·~I

A = 1.076 b = 12.374 in. S,oe = S = 142.30 sq in.

SF = 44.20 sq in. (base area)

Compute:

Determine the normal-force-curve slope at eN' = 0

(figure 4.8.1.2-12a)

= f.1fA + 2 SF )_4_
\ 2 S,oe 4 + A

(equation 4.8.I.2-b)

= [1f(1.~76) + 2

= 1.821 per rad

44.20 ] 4
142.30 4 + 1.076

= (0.775) (1.821)

= 1.411 per rad

(equation 4.8.1.2-a)

-Although thil model hal • .,..., tmllIl'IOIe radius (0.032 In.l. it 1llMlyzed .. hevlng ••,p t8lldlng edge.
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Determine the nonnal-force coefficient at a' = 200

[
eNJ = 0,960 (figure 4.8.1.2-13a)

CN~alcJ20

2.195 (
A+O.61) (equation 4.8.1.2-<1)
A + 4.0

= 2.195 (1.076+0.61)
1.076 + 4.0

= 0.7291

(equation 4.8.1.2-c)

= (0.960) (0.7291) = 0.700

Determine the empirical, nonlinear-normal-force correction factor

Z = 0.972 (figure 4.8.1.2-14)

Solution:

(equation 4.8.1.2-f, sharp leading edge)

= 1.411 a'+ 8.211 (0.700) - 0.349(1.411)! [0.972 + 2.81(1 - 0.972) a') a' 2

'" 1.411 a' + 1.656 a' 2 + 0.134 a' 3

o ®
cN

(baled on 51
or 01 01,2 .;3 1.411 Q' 1.666 0'2 0.134 0/3 (eq.4.8.1.2-I1

(deg) (...., (rai2) (,.,:31 1.411 ® 1.668 0 0.134 0 @+@+(2)

0 0 0 0 0 0 0 0

5 0.0873 0.00762 0.000885 0.1232 0.0128 0.00008 0.1369

10 0.1745 0.03045 0.005314 0,2462 0.0804 0.00071 0.2973

15 0.2818 0.08854 0.01794 0.3894 0.11311 0.00240 0.48&3

20 0.3480 0.12180 0.04281 0.4824 0.2017 0.00II70 0.8898
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The calculated results are compared with test values from reference 6 in sketch (a) and in table 4.8.1.2-A.

Sample Problem I (round leading edge)

o Test points I I I
--I Calculated
Sample problem 2 (sharp leading edge)

0 Test points
A_-'- Calculated

JY'
V -...-;.

V ~ .... .,/

/'( ..... 0
~ .,_..... f'

........~ L,.. ........ (

~t:o- .........
....

~,

I
o

.4

1.2

C'N

.8

o 4 8 12
ANGLE OF ATIACK,a' (deg)

16 20

SKETCH (a)

REFERENCES

1. Seeger, D. B.• and Meyer. J. e.: An Investigation of the Slbmnlc Aerodynamic Charaeterlttics.nd the Lending Flare M.neuWl' for
HyperlOnic Re-entry Configurations. ASO·TDR-62·271, 1962. Ie) Title Uncla.'ied·

2. Jaqulrl:. B. M., and Brewer. J. D.: Low-5peed Static-5tability and Rolling Characteristics of Low-Aspect.Ratio Wings of Triengul.r and
Modlflld Triangular P"nforms. NACA RM L8129, 1949. CU)

3. Mugl... J. P., Jr•• and Olstad, W. 8.: Static Longitudinal Aerodynamic Characteristics at TranlOnic Speeds of II Blunted Right Triangular
Pyramidal Lifting Re-entry Configuration for Ar1Jles of Attack up to 1100. NASA TN 0·797. 1961. CU)

4. PaullOn. J. W.• and Shlnks, R. E.: Investigation of Low-$ubsonic Flight Cheracteristics of a Mode' of a liiypenonic Boost-Glide
Configuration Having a 780 Delta Wing. NASA TN 0-894. 1961. (UI

6. ware. G. M.: Low-SwlOnicSpeed Stetic Stability of Right-Triangular·Pyramld and Half-Cone Lifting R.-Entry ConfiguratlofW. NASA
TN 0-646. 1961. lUI

8. Mantz. K., S-o-, D. B.• and ROD. R.: Tests to Determine SublOnlc A_adynamic Charaet_lstlcs of Hypenonlc R••Entry
Configurations. ASD·TR-61-486. Supplement 1. 1963. (UI

7. Mintz. K.• Seeg_, O. B., and Ro•• R.: Tests to oetermln. SlblOnlc Pr....r.s. Forc. am Moment. Acting on a Hyp.-mnlc A.Entry
Configuration. ASO-TDR-62·270,Supplement 1. 1983. CU)

8. Ollted. W. B., Mugl•• ~J. P., Jr.• and Clhn, M. S.: Static Longltudlrel and Latll'al Stabllhy Characterlstl~of a Right 'T:riangular
Pyramidal L1ftif1l Re-Entry Configuration at TranlOnlc Speml. NASA TN O.S. 1881. (U)

4.8.1.2-9



•?o-i:>-o
TABLE 4.8.1.2-A

SUBSONIC NORMAL-FORCE VARIATION WITH ANGLE OF ATTACK
DELTA PLAN FORM CONFIGURATIONS

•
ALE b .i L_ing ti C' C· P.....,t

N N
Rei. Configuration A Ideo) lin.! S"I Edflll (deo' Cole. Test Error

4 Hypenon_· 0.74 78.0 35.40 0.0497 Sh.rp 0 0 0 0
glk:Ie w/out tip "1

.. 26.40 5 0.119 0.118 0.8
e..... 10 0.276 0.290 - 4.8

15 0.471 0.500 - 5.8
20 0.704 0.707 - 0.4

5 Helf-cone croa 0.783 79.50 21.10 0.307 Round 0 0 0 0
_on Rl =' 0.05 in. 5 0.111 0.098 13.3

-LE
3

li L .. 0 10 0226 0.214 5.6
15 0.347 0.357 - 2.8
20 0.476 0.512 - 7.0

8 D·2 1.1176 75.0 12.374 0.188 Sharp" 0 0 0 0

"1
• 580 5 0.132 0.124 6.5

10 0.319 0.303 5.3
15 0.522 0.525 - 0.6
20 0.774 0.778 - 0.5

D-3 1.078 75.0 12.374 0.311 Sharp" 0 0 0 0

"1.- 5 0.133 0.116 14.6
10 0293 0287 9.7
16 0.481 0.446 8.1
20 0.896 0.700 6.7

[).6 1.1188 65.0 22.116 0.219 Round 0 0 0 0
Rl - 0.626 in. 5 0.202 0.202 0
-LE 10 0.412 0.418 - 1.4
3

'L • go 16 0.830 0.835 ~ 0.8
20 0.860 0.835 3.0

[).6 1,078 75.0 13.13 0.329 Round 0 0 0 0

Rl • 1.os in. 6 0.128 0.135 - '.2
-LE 10 0258 0283 - 1.9
3

I 6 L • 0 16 0.380 0.386 - 1.5
.__... 20 0.528 0.535 - 1.7

>:1.1
·ModeI ....yzed IS hIVing I "'Irp l..ting edge, litho.. LER • 0.032 in. Averegt Error • -- • 3.4%

n
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FIGURE 4.8.1.2-lla DEFINITION OF THE EFFECTIVE LEADING-EDGE ANGLE FOR DELTA.
AND MODIFIED-DELTA CONFIGURATIONS WITH SHARP LEADING EDGES
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FIGURE 4.8.1.2-11 b DEFINITION OF THE EFFECTIVE LEADING-EDGE RADIUS FOR DELTA
AND MODIFIED-DELTA CONFIGURATIONS WITH ROUND LEADING EDGES
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FIGURE 4.8.1.2-12a NORMAL·FORCE-eURVE-SLOPE CORRELATION FACTOR - DELTA AND
MODIFIED·DELTA CONFIGURATIONS WITH SHARP LEADING EDGES
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•FIGURE 4.8.1.2- 12b NORMAL-FORCE-eURVE-SLOPE CORRELATION FACTOR - DELTA AND
MODIFIED-DELTA CONFIGURATIONS WITH ROUND LEADING EDGES
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FIGURE 4.8.1.2-13a NORMAL-FORC&COEFFICIENT CORRELATION FACTOR AT (J' = 20°
DELTA AND MODIFIED-DELTA CONFIGURATIONS WITH SHARP LEADING
EDGES
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FIGURE 4.8.1.2-13b NORMAL-FORCE-COEFFICIENT CORRELATION FACTOR AT (J' = 20°

DELTA AND MODIFIED-DELTA CONFIGURATIONS WITH ROUND LEADING
EDGES .
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FIGURE 4.8.1.2-14 EFFECT OF LEADING-EDGE GEOMETRY ON THE NORMAL-FORCE

COEFFICIENT - DELTA AND MODIFIED DELTA CONFIGURATIONS
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4.8.2 WING, WING-BODY AXIAL FORCE

4.8.2.1 WING, WING·BODY ZERO-NORMAL-FORCE AXIAL FORCE

A. SUBSONIC

This section presents a method, taken from reference I, for estimating the zero-normal-force axial force
of advanced flight vehicles at subsonic speeds.

The drag at zero normal force is assumed to be composed of skin-friction drag, base drag, and the
pressure drag acting on portions of the configuration other than the base. For most advanced flight
vehicles at subsonic speeds, the component of pressure drag acting on portions of the vehicle other than
the base is relatively small compared to the sum of the base drag and the skin-friction drag, and it is
difficult to isolate. Consequently, in this section it is included as part of an "effective" friction drag.

The "effective" friction drag is determined by multiplying the total wetted area, excluding the base area,
by some friction coefficient. For configurations having an average aerodynamic cleanliness, and for
thickness ratios not exceeding approximately fifteen to twenty percent, the equivalent friction drag
coefficient, based on wetted area, can be assumed to be Cr = 0.0040. Of course, this quantity will
depend upon such items as surface condition and Reynolds number. Heat and drag loads during re-entry
could be such as to roughen the surface and increase surface drag significantly. However, for most
configurations of this class, surface drag is a relatively small part of the total drag at most speeds and
angles of attack, and it is' not considered necessary to go into these effects in greater detail.

Advanced flight v~hicles are frequently characterized by large surface areas approximately normal to the
direction of flight and facing aft. The "base pressures" acting upon these areas can significantly increase
the drag and reduce the maximum lift-drag ratio of these aircraft. For the purpose of definition, "bases"
are considered to be those external surface areas which face aft and are approximately perpendicular to
the direction of flight; they are formed by the "cutting-off' of some component. The flow ahead of the
base should be unseparated and approximately parallel to the free stream, at least near zero lift. In
keeping with this definition, bases include the aft facing areas produced by blunting wing trailing edges
and by the jet exits of inoperative rocket engines.

The manner in which base drag arises can be visualized by considering the viscous pumping action of the
air flowing around the periphery of the base. The viscous forces produced by the external flow tend to
drag the air away from the base and consequently reduce the base pressure. In addition, the. base
pressure would be other than ambient even for a nonviscous flow, since the base would be influenced by
the static pressures in the external flow, which are, in general, other than ambient. Consequently, the
base pressure would depend both on the magnitude of the pumping, which is related to the ratio of the
viscous mixing area to the total base area, and on the shape of the body ahead of the base, which
determines the static pressures in the external flow at the boundary of the base.

Because of the complexity of base pressure phenomena at subsonic speeds, it has not been possible
theoretically to predict base pressures for even the most simple configurations without entailing complex
computational techniques, which nevertheless produce results of doubtful accuracy. Hence, the approach
presented in this' section is based on semiempiricaI techniques aimed at isolating. the parameters known
to be of primary importance.
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Factors that might be expected to influence base pressure but which were not isolated in the analysis
reported in reference I include scale effect and Reynolds number. Available test data show that the
variation in Reynolds number produces little effect in base pressure when the flow is turbulent at the
base.

DATCOM METHOD

The subsonic axial-force coefficient at zero normal force, based on the reference area (usuaUy the
planform area), is obtained from the procedure outlined in the foUowing steps:

Step I. Determine the increment in axial-force coefficient due to skin friction at zero normal
force by

where

Swet
=-C 

f S..r
4.8.2.I-a

Cr is the turbulent flat-plate skin-friction coefficient based on the wetted area.
It is recommended that a value of Cr = 0.0040 be used unless detailed data
on surface condition are available. In that case the method of paragraph A of
of Section 4.1.5.1 should be used to obtain Cr.

Swot is the wetted area or surface area of the conftgUration excluding the base area.

S..r is the reference area (usually the configuration planform area).

Step 2. Determine the base-pressure coefficient at zero normal force, based on the base area, by

CpbN P
Cp

0= 4.8.2.I-b
bN P

2~0

2~

where

P is the perimeter of the base of the conftgUration (see ftgUre 4.8.2.1-7a).

~ is the base area of the configuration.

obtained from figure 4.8.2.1- 7b as a function of the shape parameter
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where

18 is the total length of the body.

1;, is the maximum height of the base of the configuration (see figure
4.8.2.1-7a).

bb is the maximum span of the base of the configuration.

Step 3. Determine the increment in axial-force coefficient at zero normal force due to base pressure
by

Site
4.8.2.I-c

where Cp is obtained from step 2.
bNo

Step 4. Determine the axial-force coefficient at zero normal force, based on the reference area, by

4.8.2.1-<1

where <3.Cx •
fNo

and <3.Cx,;
NO

are obtained from steps I and 3, respectively.

Figure 4.8.2.1-7b presents a semiempirical correlation of the base-pressure coefficient at zero normal force.
This correlation comprises both a measure of the ratio of the viscous pumping area to the base area, and
the effect of the shape of the configuration ahead of the base on the pressures in the external flow.

A comparison of the zero-normal-force axial force calculated by this method with test values is presented
as table 4.8.2.I-A.

Sample Problem

Given: The blunted, right-triangular pyramidal lifting body of reference 2.

,....------18------.....1
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18 = 19.125 in. SlOe = S = 104.98 sq in. ~ = 21.96 sq in.

Swot = 248.83 sq in.

Compute:

P = 22.16 in. h" = 4.12 in. bb = 9.08 in.

Determine the increment in axial-foree coefficient due to skin friction at zero normal force.

Cf = 0.0040

(equation 4.8.2.1-8)

(
248.83)= - (0.OO40) 104.98

= - 0.00948

Determine the base-pressure coefficient at zero normal foree

__P _ = 22.16 = 1.333

2v;rs;; 2v'i (21.96)

2 ~ = 2 (21.96) = 0.0554
d 8 (h" +bb) If 09.125){4.12 +9.08)

(fIgUre 4.8.2.1-7b)

(equation 4.8.2. I-b)

= (-0.181) 0.333)

= -0.241 (based on ~)

Determine the increment in axial-foree coefficient at zero normal foree.

(equation 4.8.2.10(:)
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(
21.96 )

= (-0.241) 104.98

= -0.0504 (based on S..r)

Solution:

+ ~C .
x~

o
(equation 4.8.2.1-<1)

= -0.00948 - 0.0504

= -0.0599 (based on S)

This compares with a test value of -0.0582 from reference 2.
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TABLE 4.8.2.1-A

SUBSONIC ZERO~ORMAL~ORCEAXIAL FORCE

DATA SUMMARY

S... ~ Swot 18 P hb bb c' C ' •XN xN0 0 Percent
RII. Configuration (sqin.) lsq inJ (sq in.! Un.! (in,) linJ lin.! Calc. Test Error

2 Blunted right 104.98 21.96 248.83 19.13 22.16 4.12 9.08 ~.0599 ~.05B2 29
triangular
pyramid

3 0·1 '80.19 33.29 361.73 23.00 28.40 4.32 13.13 ~.0587 ~.0550 6.7

0-2 142.30 26.98 305.00 23.00 26.54 4.32 12.37 ~.0498 ~.0520 - 4.2

0-3 142.30 44.36 329.00 23.00 28.58 7.'4 '2.37 -0.0832 ~.0830 0.2

7 • 570.00
"' .30

'251.30 54.00 5'.94 10.55 21.10 ~.0480 ~.0480 0

b (hosiel 570.00 '09.40 '281.00 54.00 49.65 9.35 21,10 ~.0528 ~.04B0 10.0

c lbasicl 1110.00 2'6.45 2'58.00 62.50 '70.00 13.50 29.50 -0.0417 ~.0450 - 7.3

c (extended 1152.00 215.45 23'3.00 70.10 70.00 ':.50 29.50 ~.0371 ~.03BO 4.7
.-1

8 , 204.00 41.50 448.50 31.59 31.11 12.89 6.44 -0.0495 ~.0500 - 1.0

>:101
Average error· -- 3.8%

n
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4.8.2.2 WING, WlNG·BODY AXIAL·FORCE VARIATION
WITH ANGLE OF ATTACK

A. SUBSONIC

This section presents a method for estimating the axial-force variation with angle of attack for a delta or
modified-delta planform re-entry configuration at subsonic speeds.

The method presented herein is taken from reference I. The total axial force at angle of attack is taken as
the £urn of that at zero normal force, the increment due to angle of attack, and an increment due to the
base pFessure at angle of attack.

The axial force at zero normal force is given by the method of Section 4.8.2.1.

The increment of axial force due to angle of attack is obtained by a procedure that closely parallels the one
used to obtain the normal-force variation with angle of attack as discussed in Section 4.8.1.2. The method
is based on a study of test data on low-aspect-ratio delta wings with thick and thin surfaces, with sharp and
rounded leading edges, and with varying degrees of nose bluntness. Thin, sharp-Ieading-edge delta wings
were selected as "reference wings," and theoretical relationships were written for the axial-force character
istics of these planforms. The axial·force characteristics of all the test confIgUrations were then calculated at
a' =200 by using these "reference wing" relationships, and any deviation between the calculated and test
values was related to aspect ratio, frontal area, and leading-edge characteristics. The variation of this compo
nent of axial force between that at zero normal force and that at a'= 200 is then approximated as a func
tion of the normal-force variation with angle of attack.

In general, the base pressures acting on advanced flight vehicles become less as the angle of attack increases
and, consequently, the component of axial force due to base pressure increases negatively as the angle'of
attack increases. In reference.1 the change in base pressures of the test configurations are correlated with
changes in angle of attack by using the base pressures at a'= 200 and at zero normal force as the basis for
the correlation.

DATCOM METHOD

The axial-force variation with angle of attack for a delta or modified-delta configuration at low speeds,
based on the reference area (usually the planform area), is obtained from the procedure outlined in the
following steps:

Step I. Determine the increment of aXial-force coefficient due to angle of attack by

4.8.2.2-a
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where

is the calculated ratio of the axial force to the normal force at a'; 200 .

given by

~e) ]N calc
20

; -0.349 ( A + 2)
A+4 4.8.2.2-b

is the empirical correlation factor of the axial-force coefficient at
a ; 200 for delta or modified-delta configurations. This parameter
is presented asafunction of configuration geometry in figure 4.8.2.2-10.
Figure 4.8.2.2-10 is entered with the following geometric parameters:

A

b

the aspect ratio of the surface

the projected frontal area perpendicular to the zero
normal-force reference plane (projected frontal area at
eN' ; 0)

the reference area (usually the configuration planform
area)

the surface span

the leading-edge radius in a plane normal to the leading

edge at .!. c from the nose
3 r

at is the angle of attack in degrees.

is the normal-force variation with angle of attack obtained by using the
method of Section 4.8.1.2.

Step 2. Determine the variation of base pressure with angle of attack by

4.8.2.2-c

where a' Is defined above, and

4.8.2.2-2



is the empirical correlation of the ratio of the pressure coefficient at
a' = 200 to that at zero normal force. This parameter is obtained from
figure 4.8.2.2-11 as a function of the shape parameter

b 2
b

where

bb is the maximum span of the base of the configuration.

hb is the maximum height of the base of the configuration (see figure
4.8.2.1- 7a).

Sb is the base area of the configuration.

The two curves on figure 4.8.2.2-11 refer to two types of re-entry
configurations. The upper curve is to be applied to configurations for which
the entire base is influenced directly by the primary lifting surface. The
lower curve is to be applied to configurations for which portions of the base
are aft of nonlifting components, e.g., bodies and vertical surfaces.

is the base pressure coefficient at zero normal force obtained as outlined in
step 2 of the Datcom method of Section 4.8.2.1.

Step 3. Determine the variation of the increment of axial-force coefficient due to the base pressure
with angle of attack by

4.8.2.2-<1

where

( C) is the variation of base pressure with angle of attack from step 2.
Pb a'

Sur is the reference area (usually the configuration planform area).

Step 4. Determine the zero-normal-force axial force Cx' by using the method of Section 4.8.2.1.
NO

Step 5. The variation of axial force with angle of attack, based on the reference area, is given by

4.8.2.2~

where ~Cx" (~Cxba) ,and C
xNo

are from steps 1,3, and 4, respectively.
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A comparison of the axial-force variation with angle of attack calculated by this method with test results is
presented as table 4.8.2.2-A.

While it is considered that the results presented are satisfactory for use in preliminary design, it should be
noted that scale effect and Reynolds number, which might be expected to influence the base pressure, were
not isolated in the data correlation reported in reference I. (Available test data showed, bowever, that the
variation in Reynolds number produced little effect in base pressure when the flow was turbulent at the
base.) Furthermore, in many cases the data were not sufficient to accurately define the variation of base
pressure over the surface of the base. Consequently, much of the data included in the empirical correlation
for axial-force coefficient at a' = 200 (figure 4.8.2.2-10) and in the empirical correlation for the ratio
of the pressure coefficient at a' = 200 to that at zero normal force (f'Il11Ue 4.8.2.2-11), are known to be in
error.

Sample Problem

Given: A delta model with a symmetrical diamond cross section and a blunt trailing edge. This is model D-3
of reference 3 and is the 113me configuration as sample problem 2 of Section 4.8.1.2.

t------ 18------1
A = 1.076 b = bb = 12.374 in. S",r = S = 142.30 sq in.

~ = Sb = 44.20 sq in. s..•• = 329.0 sq in. ~ = 7.14 in.

t 8 = 23.0 in. P = 28.58 in.

The following variation of CN , with ol from sample problem 2 of Section 4.8.1.2:

4.8.2.2-4

a' o
o

5
0.1359

10
0.2973

15
0.4853

20
0.6998



Compute:

Determine the increment in axial-force coefficient due to ancIe of attack.

[ ~) J =(N' calc 20
(A+ 2)-0.349 -- (equation 4.8.2.2-b)

A+4

(
1.076+2)

= -0.349 1.076 + 4 • -0.2115

~ /S..r = 44.20/142.30 • 0.311

~
4CxJ = 0.389

4Cx '
calc 20

(fIgUre 4.8.2.2-10, sharp leadina edae)

.ra'"V20 c;.. (equation 4.8.2.2..)

• (-0.2115) (0.389)~ c;..

. R'= -0.0823 V20 c;.. (see calculation table below)

Determine the variation of base preaure with 8JII\e of attack.

(12.374)2
= • 3.226

7. 14 V44.2Q

= 1.42 (fIgUre 4.8.2.2-11, upper curve)

p
_..:.-- .
2~

28.58
~~:;;; • 1.213
2~11' (44.2)

• 2 (44.2) • 0.0627
11' (23.0) (7.14 + 12.37)
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p

2.,;;rs;;-

= -0.196 (figure 4.8.2.1-7b)

2~

p

2.,;;rs;;-
(equation 4.8.2.I·b)

= (-0.196) (1.213)

= -0.238 (This result is also used below in calculating Cx~o)

, 2

= (1.42 - I) C~ (-0.238)

• 2

= -0.100 C~)

(equation 4.8.2.2-c)

Determine the variation of the increment of axial-force coefficient due to the base pressure with angle
of attack,

(equation 4.8.2.2-<1)

[
a': ~~ 44.20)

= -0.100 (20) J \"i"4I3
• 2

= -0.0311 (2~) (see calculation table below)

Determine the zero-normal·force axial force by the method of Section 4.8.2. I.

Cr a 0.0040
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= (-0.0040) (329.0)
142.3

(equation 4.8.2. I-a)

= -0.00925

Cp = -0.238 (calculated in determining (Cp ) above)
~ \b~o

(equation 4.8.2.I-c)

Solution:

(44.2 )= (-0.238)
142.3

= -0.0739

ex' = acx' + aCx' (equation 4.8.2.1-d)
NO IN bN0 0

= -0.00925 + (-0.0739)

= -0.0832

(equation 4.8.2.2~)

JY (2tJ
O')

2
= -(-0.0823) V20 ~,+ (-O.O:H 1) + (-0.0832)

-4M23J:: c~
' 2

-4.0311 (;) c'x
c~ -4M23J~ Q) -4.D31I(~r

C_onSI
a'

~. 4.11.2.2..1
(dogl 1"-1 - + (!) -0.D832

0 0 0 0 ~.D832

S 0.1_ -4.0lIli6lI -4.DOlS4 -4.D7ll8

10 0.2973 -4.01727 -4.D0778 ~.D737

IS 0..a3 - ~.oI7S ~.D881

20 0.-. -4.Q178 ~.D311 -o.oslI7



The calculated results are compared with test values from reference 3 in sketch <a) and in table 4.8.2.2-A.

o Test Points
--Calculated

0

r--r-- (;)-- -.... r--- r--.....
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TABLE 4.8.2.2-A

SUBSONIC AXIAL-FORCE VARIATION WITH ANGLE OF ATTACK
DELTA PLAN FORM CONFIGURATIONS

•
b bb "b SF Sr" ~ U"ing a C ' C' Percent

X X
Ref. Configuration A (in.1 lin.) lin.) (sq inJ (sq in.) (sq in.! Edge Id"l Calc. TOft Error

2 Blunted right 0.788 9.08 9.08 4.12 21.96 104.98 21.96 Round 0 -0.0599 -0.0582 2.9
tri....l. R1 • .14 in. 5 -0.0564 -0.0575 - 1.9
pyrwnid -LE

3
,sL .. 45° 10 -0.0517 -0.0540 - 4.3

15 -0.0471 -0.0470 0.2

20 -0.0427 -0.0440 - 3.0
3 0·1 1.076 13.13 13.13 4.32 33.29 160.19 33.29 Round 0 -0.0587 -0.0550 6.7

R • .525 in. 5 -0.0535 -0.0564 - 5.11
-LE
3

6L - Is" 10 -0.0461 -0.0630 -13.0

15 -0.0375 -0.0486 -22.8

20 -0.0270 -0.0338 -20.1
0·2 1.076 12.374 12.374 4.32 26.98 142.30 26.98 S....• 0 -0.0498 -0.0520 - 4.2

6 • 58° 5 -0.0475 -0.0544 -12.7
'1

10 -0.0431 -0.0524 -17.7

15 -0.0382 -0.0476 -19.7
0·3 1.076 12.374 12.374 . 7.14 44.20 142.30 44.20 S....• 0 -0.0832 -0.0830 0.2

6'1 - 90" 5 -0.0814 -0.0834 - 2.4

10 -0.0795 -0.0802 - 0.9
15 -o.On6 -0.0785 -1.1
20 -o.07S6 -0.0655 15.4

0·4 1.078 13.934 13.934 4.32 41.44 178.56 41.44 Round 0 -o.ll695 -0.0820 12.1

R1 • 1.05 in. 5 -0.0598 -0.0545 9.7

-LE
3

6
L

• 10.5° 10 -0.0445 -0.0445 - 0.2

15 -0.0262 -0.0323 -18.9

8 R91' 0.742 12.89 12.89 5.44 41.40 222.0 41.40 Round 0 -0.0495 -0.0500 - 1.0
triangl,.Il. R1 .. .187 in. 5 -0.0461 -0.0570 -19.1

pyramid -LE
3

6L - 4s" 10 -0.0410 -0.0540 -24.1

15 -o.ll362 -0.0430 -18.1-
-MO"k1 analyzed .. heving Iherp leading edge, although LER • 0.032 in. 2: 101

Ave,.. ....or .. - _. 9.5%
n
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4.8.3 WING, WING-BODY PITCHING MOMENT

4.8.3.1 WING, WING·BODY ZERO·NORMAL·FORCE PITCHING MOMENT

A. SUBSONIC

This section presents a design chart, taken from reference I, to be used in approximating the zero-normal
force pitching-moment coefficient of nonsymmetrical delta-planform configurations with rounded leading
edges at low speeds.

The design chart is based on a limited amount of experimental data and, furthermore, does not represent an
extensive analysis of the zero-normal-force pitching moment. It is considered to provide only a first-order
approximation of CmNo •

DATCOM METHOD

The low-speed zero-normal-force pitching-moment coefficient"of a nonsymmetrical delta-planform configu
ration with rounded leading edges, based on the product of the planform area and root chord Sc" is
approximated from the procedure outlined in the following steps:

Step I. Determine the zero-normal-force angle of attack llNo by using the method of Section
4.8.1.1.

Step 2. Obtain the zero-normal-force pitching-moment coefficient CmNo
a function of Cl!No determined in step I.

from figure 4.8.3.1-4 as

Figure 4.8.3.1-4 is not applicable to configurations with sharp leading edges.

A comparison of the zero-normal-force pitChing-moment coefficient of unsymmetrical delta-planform
configurations calculated by this method with test results is presented as table 4.8.3.1-A. The values of llNo
used in this data summary were calculated by using the method of Section 4.8.1.1.

Sample Problem

Given: The right-triangular pyramidal body designated configuration I in reference 7. This is the configu
ration of sample problem I of Section 4.8.1.1.

Is = 31.55 in.

fb... = 4.105 in.

Compute:

Determine Cl!No

Nose radius = 0.1875 in. h" = 6.44 in.

Cl!N = 8.040 (sample problem I, Section 4.8.1.1)
o

4.8.3.1-1



Solution:

C ; 0.0027 (based on Sc,)m
No

(figure 4.8.3.1-4, extrapolated)

The calculated result compares with a test value of 0.0028 from reference 7.
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TABLE 4.B.3.1·A

SUBSONIC ZER<HjORMAL.f'ORCE PITCHING MOMENT
DELTA PLANFORM CONFIGURATIONS

ROUND LEADING EDGES

DATA SUMMARY

a
C"'No

CmNocolc. NO

Rot. Confi.,ration 1_'4.8.1.11 <Ale. Toot

2 0·7 -2.15 -0.0007 -0.002

0-8 0.20 0.0001 -0.0008

0-8 0 0 0.0315

WB-1 1.35 0.00045 0

WB.:! 1.48 0.0004B 0

WB-4 1.35 0.00045 -0.002

WB-6 1.21 0.0004 -0.004

WB-8 1.21 0.0004 -0.001

WB·7 1.83 O.ol1054 -0.002

WB-8 1.57 0.00052 0.0015

WB-8 2.12 0.0007 0.001

WB·l0(0) 1.95 O.tlOO65 -0.004

R·2 3.79 0.00126 -0.009

R.:! 2.62 O.oooB7 -0.001

4 Right "lrilngul8r 7.40 0.00248 0.002
pyrwnkl

5 Delta wing whh 0.88 0.00022 -0.0123
hllf-contfUMI...

B • 7.23 0.00244 0.00133

1
blboolc:l 6.44 0.00214 -0.00133

<i_c) 7.16 0.00214 0.00622

d 4.40 0.0016 0

7 1 8.ll4 0.0027 0.0026

B Bluntod "-" 6.91 0.0023 0.0023
tr....l...
py.....1d

8 D....-wI"II booot• -0.20 -0.0001 -0.0067
g11clo

10 W·II E.:! -1.80 -0.0008 0.0100

11 AII..I.. booIt- -2.1 -0.0007 -0.00148
g11clo

4.8.3.1-3



ROUND LEADING EDGES

.004

.002

o

-.002

~ 10-

V v---
~

V
.,.-

-------~--V l---

-----

-.004
-6 -4 -2 o

Q!N (deg)
o

2 4 6 8
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4.8.3.2 WING, WING-BODY PITCIDNG·MOMENT VARIATION
WITH ANGLE OF ATTACK

A. SUBSONIC

This section presents a method for estimating the variation of pitching-moment coefficient with angle of
allack for delta or modified~elta planform re-entry configurations at subsonic speeds.

The design charts are given in terms of the center-of-pressure location. The following equation is used to
find the pitching-moment coefficient, based on the product of the planform area and root chord Sc,:

where

(
x", xc.P.)

C =C +--- C·
m mN C C No , ,

4.8.3.2..

( x;;p)

is the distance from the nose of the configuration to the desired moment reference center
measured in root chords, positive aft.

is the distance from the nose of the configuration to the center of pressure measured in
root chords, positive aft.

is the normal-force variation with angle of allack obtained by using the method of
Section 4.8.1.2.

Cm is the zero-normal-force pitching-moment coefficient obtained by using the method of
NO Section 4.8.3.1. For symmetrical configurations CmNo = O.

The method for estimating the center-of-pressure location is taken frorp reference I. A theoretical
variation of center-of-pressure location with aspect ratio (or semiapex angle) from reference 2 was
corrected to provide center-of-pressure estimates for thin, pointed-nose, symmetrical delta configurations.
This result was then corrected to account for the effects of nose blunting and finite thickness.

The effect of nose blunting on delta wings was evaluated by assuming that the normal force acting on a
pure delta wing can be divided into two components. One of these components is distributed uniformly
over the planform and the other is concentrated at the leading edge. The strength of the concentrated
component has a magnitude at any spanwise station proportional to the local chord. In accordance with
this concept, the resultant of the uniform load acts 1/3 of the root chord forward of the trailing edge
and the resultant of the leading-edge component acts 2/3 of the root chord forward of the trailing edge
for a pure delta wing. The nose-blunting effects were then determined by assuming that the pitching
moment depends only on normal force and by analyzing a simplified situation where a part of the nose
of a pure delta wing is removed by a straight cut normal to the root chord. The center-of-pressure
movement p.....dicted in this manner is different from experimental results, since actual nose blunting
usually consists of a rounding of the forward part of the wing rather than a sharp cut-off. Therefore, an
empirical factor was applied, based on the results of reference 3, to compensate for this difference.

4.8.3.2-1



Finite thickness modifies the centeroOf-pressure location because of the contribution of axial force to
pitching moment. The axial force produces a nose-<lown pitching moment at positive lifts as a result of
the negative pressures on the upper surface of the wing and the positive pressures on the lower surface.
An empirical correction for this effect, taken from reference I, is presented in the Datcom method.

The Datcom method is applicable for angles of attack up to 200.

DATCOM METHOD

The center-of-pressure location of delta or modified-<lelta configurations is given by

where

cr =c::)
A

(xc.P')+ .1--
cr B

( xc.P')+ .1 --
cr t

4.8.3.2-b

C: p

)
A

is the distance from the wing apex to the centeroOf-pressure location, measured in
root chords, of thin, pointed-nose. symmetrical delta configurations. This parameter
is obtained from figure 4.8.3.2- 6b as a function of the wing semiapex angle e. The
semiapex angle is measured as illustrated on figure 4.8.3.2 -6 a.

is the increment in the center-of-pressure location, measured in root chords, due to
nose blunting. This parameter is obtained from figure 4.8.3.2- 7a as a function of
the configuration semiapex angle e and aspect ratio. The aspect ratio is that of the
blunt-nose configuration.

is the increment in the centeroOf-pressure location, measured in root chords, due to
finite thickness. This parameter is obtained from figure 4.8.3.2-.7b as a function of
the ratio of the projected frontal area to the planform area SF/So

Figure 4.8.3.2- 6a illustrates the cpnfiguration geometry used in this method.

A comparison of the centeroOf-pressure location calculated by this method with test results is presented
as table 4.8.3.2-A. It should be noted that Reynolds-number effects might be expected to influence the
pitching-moment characteristics of these configurations as the angle of attack and normal-force
coefficients increase. However, the limited Reynolds-number range of the test data precluded isolation of
Reynolds-number effects d wing the data correlation reported in reference I.

Sample Problem

Given: A blunt-nose delta-wing model with a symmetrical diamond cross section and a blunt trailing edge.
This is model D-4 of reference 5.

A = 1.087

4.8.3.2-2

b = 13.934 in.

cr = 23.0 in.

S = 178.56 sq in. ~ • 41.44 in.



Compute:

(
XCCf'P""/ = 0.60

A

(flglll'e 4.8.3.2-6b)

4 tan 8

A
=

4 tan 150

1.087
= 0.0140

Af.XCCf·P,)\ = -0.049
B

(f~re 4.8:3.2-7a)

~/S = 4l44/178.56 = 0.232

.( X
CCf

•P.)\ = 0.0238
t

Solution:

(figure 4.8.3.2- 7b)

= (::.p) + A( X;;p)
A B

= 0.600 - 0.049 + 0.0238

= 0.5748

(equation 4.8.3.2-b)

This compares with a test value of 0.582 from reference 5.
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TABLE 4.8.3.2-A

SUBSONIC CENTER.()F-PRESSURE LOCATION
DELTA PLANFORM CONFIGURATIONS

DATA SUMMARY

x x
SF c.p. C.p.

8 No. c;- c;- o- Percent
Ref. Configuration A ldolll S Configuration C11lc. Toot Error

• Blunted right 0.788 10.5 0.208 blunt 0.548 0.529 3.6
triangular
pyramid

5 0·1 1.076 15.0 0.208 blunt 0.69' 0.595 -0.2

0-2 1.075 0.190 thorp 0.619 0.612 1.1

0-3 1.076 0.312 thorp 0.631 0.625 0.8

0-4 1.087 0.232 blunt 0.575 0.592 -1.2

0-6 1.078 0.329 blunt 0.807 0.608 -0.2

0-6 1.B6B 25.0 0.219 blunt 0.598 0.594 -1.3

W8-2 1.094 15.0 0.181 blunt 0.580 0.577 -2.9

WB-3 1.074 4 0.150 blunt 0.601 0.592 3.3

6 0-60 1.076 15.0 0.329 blunt 0.807 0.608 -0.3

8 DoIta-wIIllJ 0.74 12.0 0.050 thorp 0.013 0.825 -1.9
booIt-glide

9 W-Ill E-3 1.07 15.0 0.029 blunt 0.593 0.578 0.9

11 Rt. trillngular 0.78 10.8 0.203 b"'nt 0.547 0.818 -11.5
pyramid

12 O.1tI wing with 0.77 15.0 0._ blunt 0.598 0.56B 5.3
helf-eone
fu••

13 blbolle) 0.783 10.5 0.201 blunt 0.651 0.575 -4.2

j clbollcl 0.787 I 0.371 blunt 0.566 0.591 -4.2

d 0.783 0.291 blunt 0.580 0.553 1.3

14 1 0.742 10.6 0.186 blunt 0.632 0.580 12.9

15 2 2.31 30.0 0.120 thorp 0.593 0.538 &2

4 1.07 15.0 I thorp 0.013 0.534 14.8

7 4.00 45.0 thorp 0.559 0.546 2.0

~Iol
A......... Enor - -_. 3.9%

n
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5.1 WINGS IN SIDESLIP

5.1.1 WING SIDESLIP DERIVATNECy~

5.1.1.l WING SIDESLIP DERIVATIVE Cy IN THE LINEAR ANGLE-OF-ATTACK RANGE
~

The wing contribution to the derivative Cy is small, of the order o?-, and its accurate estimation is
'al ~not Vlt .

Methods are presented in this section for estimation of wing side force due to sideslip in the
subsonic and supersonic speed regimes. Methods for the estimation of this derivative in the
transonic speed regime are not available.

A. SUBSONIC

In Reference I a simplified theory consisting of an application of strip theory and lifting-line theory
is applied to constant-chord swept wings in sideslip to determine approximate relations for the
low-speed sideslip derivatives. The method presented in this section for estimating the wing side
force due to sideslip at low subsonic speeds is taken from Reference I. It is valid in the linear-lift
region.

DATCOM METHOD

The wing sideslip derivative Cy at low speeds neglecting the effect of dihed"ral is given inReference
las ~

[

6 tan Ac/4 sin Ac/4] I
Cy~ = Ci ..A (A+4cos A

c
/
4

) 57.3 (perdeg) 5.\.I.I-a

The increment in side force due to dihedral at low subsonic speeds can be approximated by

= -0.0001 (Jl and r in degrees) 5.I.I.I-b

For subcritical speeds, the low-speed derivative can be modifled by the Prandtl-Giluert rule to
yield approximate corrections for the first-order three-dimensional effects of compressibility. The
resulting expression from Reference 2 is

where

A + 4 cos Ac/4

AB + 4 cos Ac/4 (Cy~)CL low
'Peed

5.\.1.I-e
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Calculated values for the wing side force due to sideslip obtained by the Datcom method for the
wing configurations of References 3, 4, and 5 are compared with experimental data in Figure
5.1.1.1·5. The comparison indicates that the calculated values are fairly reliable over a range of lift
coefficient (starting from zero) that decreases as wing sweep increases. Large discrepancies are noted
for highly swept wings at lift coefficients for which the flow is believed to be partially separated.

Sample Problem

Given: The wing of Reference 5

11.=4.0

Compute:

sin Ac/4
cos Ac/4

tan /l.e/4

Solution:

= 0.866

0.500

= 1.732

" = 0.6 r=0.6

Cy~ [ 6 tan /l.e/4 sin /l.e/4 ] I
= - (perdeg)

C 2 11A (A + 4 cos /l.e/4 ) 57.3
L

(6)(1.732)(0.866) I
= ._-

11(4) [4 + 4(0.500)] 57.3

9 I
= - --

2411 57.3

= 0.00208 per deg

(Equation 5. I. I.I-a)

C2
Cy~ x 10

3

CL L (per deg)

0.05 0.0025 0.0052
0.10 0.010 0.0208
0.20 0.040 0.0832
0.30 0.090 0.1872
0040 0.160 0.3328
0.50 0.250 0.5200
0.60 0.360 0.7488

These results are compared with experimental values inFigure 5.1.1.1-5.
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B. TRANSONIC

No method is available in the literature for estimation of the wing contribution to the derivative
Cv in the transonic speed regime and none is presented in the Datcom. Furthermore, no

~

experimental data are available in this speed regime.

C. SUPERSONIC

No general method has been developed for estimating the wing side force due to sideslip at
supersonic speeds. However, theoretical methods are available for discrete planforms over certain
speed ranges. A comprehensive summary of the available theoretical methods for calculating the
wing side force due to sideslip is presented in Reference 6. The expressions for the derivatives for
each planform have been obtained from application of the linearized theory for compressible flow
as applied to thin airfoils. The linearized theory is directly applicable for the lateral motion of
sideslip and the results are limited only by the complexity of the calculations required to determine
the load distributions for certain planforrns under certain oonditions. Calculation complexities arise
as a result of the existence of regions of interacting or mutually subsonic edges (a subsonic edge
lying within the region of influence of another). Consequently, the theoretical calculations available
are limited primarily to combinations of planforms and Mach lines that do not have interacting or
mutually subsonic edges.

No experimental data are available in the supersonic speed regime; consequently, the quantitative
accuracy of the estimation methods cannot readily be assessed. However, a review of the application
of linearized theory for the prediction of wing lift-curve slope at supersonic speeds can at least lead
to a qualitative conclusion of the theory's accuracy when applied to lateral derivatives. Comparison
has shown that the agreement between experiment and linear compressible-flow theory with regard
to wing lift-curve slope is satisfactory for most practical purposes. To conclude that linearized
theory is therefore adequate for lateral derivative prediction seems somewhat questionable in that
the Iift-eurve slope is dependent on the integrated pressure; whereas the lateral derivatives are
dependent on pressure distribution. However, when coupled with the fact that the lateral derivatives
are relatively insensitive to small shifts in spanwise center of pressure, the indication is that
application of the linearized compressible-flow theory should give fairly good results at least insofar
as general trends and orders of magnitude are concerned.

DATCOM METHODS

The Datcom methods are taken from References 7, 8, and 9 and present the wing side foroe due to
sideslip over limited Mach number ranges for rectangular planforms, triangular planforms, and fully
tapered sweptback planforms with swept forward or sweptback trailing edges. The results are
mainly functions of planform geometry and Mach number.

Rectangular Planform: AP .. 1.0

The wing side force due to sideslip for rectangular planforms (neglecting the effect of dihedral) is
derived inReference 7 as

=
57.3

(per deg) 5.1.1.\-<1

where 0< is in radians and IJ = J M2 - I.
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Equation 5.1.1.1-<1 is valid for Mach number and aspect ratio greater than that for which the Mach
line from the leading edge of the tip section intersects the trailing edge of ihe opposite tip section
(A{3 ;;. 1.0).

Sweptback Planform (X = 0): {3 cot ALE .;; 1.0

The wing side force due to sideslip for fully tapered sweptback planforms (neglecting the effect of
dihedral) is derived in Reference 8 for triangular planforms and in Reference 9 for planforms with
sweptforward or sweptback trailing edges as

=
I

57.3
(per deg) 5.1.1.1..,

where" is in radians and Q(JlC) is obtained from figure 5.1.1.1-6.

Eq uation 5.1.1 .1.., is valid for Mach number and aspect ratio for which the wing is contained within
the Mach cones springing from the apex and the trailing edge at the center of the wing.

The increment in side force due to dihedral given by Equation 5.I.I.I-b is also applicable at
supersonic speeds.
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5.U WING SIDESLIP DERIVATIVE CIIl

5.1.2.1 WING SIDESLIP DERIVATIVE GIll IN THE LINEAR ANGLE·OF·ATTAGK RANGE

A. SUBSONIC

For wings at low angles of attack and subsonic speeds, the rolling moment due to sideslip is principally a
function of wing aspect ratio, taper ratio, dihedral angle, and sweep.

The effect of aspect ratio on the rolling moment of unswept wings is treated theoretically in reference I. In
this reference, a wing in sideslip is represented by a suitably restricted system of vortices. The span loading
is calculated and then integrated to obtain the rolling moment. The results show that C III for three-

dimensional unswept wings increases approximately linearly with 1/A and decreases slightly with taper
ratio.

The vortex representation used in reference I for unswept wings is applied to swept straight·tapered plan
forms in reference 2. Here, the rolling moment is found to be a strong function of sweep, but the increment
provided by sweep is relatively insensitive to variations of aspect ratio and taper ratio.

A rather different approach to the straight-tapered-wing rolling-moment problem is taken in reference 3.
Here, the effects of sweep on C III are calculated as the difference between the effective Iift-eurve slopes

for the upwind and downwind wing panels. Panellift-eurve slope is assumed to be a function of effective
sweep angle (I\. ± Il) and effective geometric aspect ratio. Aspect-ratio effects are then taken to be the
difference between the experimental and the calculated values for swept wings.

In spite of their widely differing approaches, references 2 and 3 give similar results. For very low aspect
ratios, slender-body theory, as applied in reference 4, shows that Clf! = -2/3 A (per radian). This value

compares well with experimental data for low-aspect-ratio delta wings.

Neither reference 2 nor reference 3 defines a lower aspect-ratio limit, below which the respective theories
are invalid. However, since neither theory converges to the slende1"body value at low aspect ratios, there
must be a transition region between the high-aspect-ratio values of references 2 and 3 and the slender-body
value of reference 4.

At subsonic speeds methods are presented for determining the rolling moment due to sideslip for the follow
ing classes of wing planforms:

Straight-Tapered Wings (conventional, trapezoidal wings)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings

These two general categories of non-straight-tapered wings are illustrated in sketch (a) of Section
4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2.
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The Datcom method for straight-tapered wings is a combination of the methods of references I, 2, 3, and 4.
Reference 4 is used for low-aspect-ratio wings. References I, 2, and 3 are used for high aspect ratios, with
experimental data serving as a guide as to which theory is most applicable. For intermediate aspect ratios
the experimental data of references 8 through 13 are used as a guide in constructing a faired curve between
the slender-body values of reference 4 and the high-aspect-ratio values of references I, 2, and 3. Mach num
ber effects are calculated by the method of reference 3. The effect of uniform geometric dihedral is
accounted for by the method of references 5 and 6, that of nonuniform geometric dihedral by the method
of reference 6, and that of wing twist by the method of reference 7.

The Datcom method for double-delta and cranked wings is taken from reference 14. In addition to wing
aspect ratio, taper ratio, dihedral angle, and sweep, the location of the leading-edge or trailing-edge sweep
break is an important factor in determining the rolling moment due to sideslip of these non-straight
tapered wings. The method is based on the results presented for straight-tapered wings. The composite wing
is divided into two individual panels and a "weighted-lift" relationship is applied to the rolling moment
due to sideslip of each panel calculated using the straight-tapered wing method.

The subsonic methods presented in this section are valid for sideslip angles between _50 and +50 at speeds
up to M = 0.60 and low angles of attack.

No provision is made for the effective-dihedral contribution of the wing tip shape. This contribution is
important only for thick wings and taper ratios near 1.0.

DATCOM METHODS

Straight-Tapered Wings

The subsonic rolling mo~ent due to sides~p of a straight-tapered wing with uniform geometric dihedral at
low angles of attack IS given by the following equations:

For A ~ J.0:

8
• (per degree)

tan "e/4

5.1.2.I-a

For A < 1.0:

where

5.1.2.1-2

Cl/l = CL [- _1- ~ 2..J -r (A) (per degree)
57.3 3 A 6

is the wing-sweep contribution obtained from figure 5.1.2.1-27.

is the compressibility correction to the sweep contribution, obtained from
fJgUre 5.1.2.1-28a.
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r

9 tan "'./4

is the aspect-ratio contribution, including taper-ratio effects, obtained from
figure 5.1.2.1-28b.

is lhe dihedral effect for uniform geometric dihedral, obtained from
figure 5.1.2.1-29.

is the dihedral angle in degrees.

is the compressibility correction factor to the uniform-geometric-dihedral
effect, obtained from fIgUre 5.1.2.1·30a.

is the wing-twist correction factor, obtained from fIgUre 5.1.2.1-~Ob.

9 is the wing-twist between the root and tip stations, negative for washout (se~
figure 5.1.2.1-30b).

For wings with nonuniform dihedral, the dihedral term of equation 5.1.2.I-a;1.e., r(~fJ KMr} is

replaced by(:p) (~) (per degree).

where

is the rolling-moment-due-to-sideslip parameter for any symmetric, spanwise distribution
of dihedral angle, obtained from fIgUre 5.1.2.1-31 as a function of "'fJ and fJA/K.

The parameter K is the ratio of the two-dirnensionallift-curve slope at the appropriate
Mach number to 2... ; i.e., (C2J M~211l The two-dimensionallift-curve slope is obtained

from Section 4.1.1.2. For wings with airfoil sections varying in a reasonably linear manner
with span, the average value of the lift-curve slopes of the root and tip sections is adequate.

The parameter "'fJ is the compressible sweep parameter given as "'fJ = tan- l (tan "'./4 IfJ).

r is the geometric dihedral in degrees.

Figure 5.1.2.1-31 applies directly to a gull-wing arrangement with the dihedral starting at the wing root and
extending outboard to some spanwise station. For parlial-span dihedral starling at some spanwise station

(JC/"I and extending outboard to some spanwise station "0' the value of~ is obtained as illustrated in

sketch (a).
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SKETCH (a)

Lifting-surface theory has been used in reference 6 to obtain the rolling moment due to sideslip for any
symmetric, spaJlWise distribution of dihedral. The theory is applicable only to wings for which PA 2: 2 and
/\p :s 60°

It should be noted that at '1 = 1.0 figure 5.1.2.1-31 gives the dihedral effect due to uniform dihedral. How
ever, the uniform-dihedral term of equation 5.1.2.I-a has been retained because of the ease with which
figure 5.1.2.1-29 can be applied.

Sample problem I at the conclusion of this paragraph (page 5.1.2.1-5) illustrates the use of this method
applied to a straight-tapered, untwisted wing with no dihedral. A sample problem including the effect of
uniform dihedral is presented in paragraph A of Section 5.2.2.1.

A comparison of low-speed test values with results calculated by using this method for straight-tapered
wings is· presented as table 5.1.2.I-A. The ranges of geometric parameters of the test data are:

0.25 :s A :s 6.93

-7.l o :s /\./2 :s 75.30

o :s X:S 1.0

r = 0

9 = 0

Test data are not available to permit substantiation of the effects of either wing-twist or dihedral on the
wing rolling moment due to sideslip.

Non-Straight-Tapered Wings

The method for determining the ro1ling moment due to sideslip of double-delta and cranked wings is taken
from reference 14. The non-straight-tapered wing is divided into two panels, with each panel having con
ventional straight-tapered geometry. Then for each of the constructed panels, the individual ro1ling moment
due to sideslip is estimated by the method presented above for straight-tapered wings. The individual
rolling-moment coefficients derived for each constructed panel are then weighted according to the propor
tion of the total lift that those panels produce. In order to maintain the proper span reference, the rolling
moment coefficient of the constructed inboard set of panels is further modified by multiplying its
contribution by the ratio of the inboard span to the reference span (total wing span).
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The method is applicable only to untwisted wings with zero degrees dihedral at low angles of attack.

The rolling moment due to sideslip of double-delta and cranked wings is obtained from the procedure
outlined in the following steps:

Step I. Divide the composite wing into constructed inboard and outboard panels as discussed in
paragraph A of SectIOn 4.1.4.2 (see pages 4.1.4.2-5, -6), and determine their pertinent
geometric parameters.

Step 2. Determine the lift-cuIVe slopes of the constructed inboard and outboard panels from
figure 4.1.3.2-49, based on their respective areas Sj and S; .

Step 3. Determine the rolling moment due to sideslip, based on the total wing area and span, by

(per degree) 5.1.2.I-b

where the subscript i and the prime and subscript 0 denote the constructed inboard and
outboard panels, respectively.

The parameters lei /CL) A ,KM , and ICI /CL)A are obtained from figures
\ il e/2 A \ il

5.1.2.1-27, 5.1.2.1-28a, and 5.1.2.1-28b, respectively, by using the geometry of the con
structed inboard and outboard panels.

If the aspect ratio of an individual set of constructed wing panels is less than one, C I / C
L

for that set

of panels is calculated by equation 5.1.2.I-a~ For example, if the aspect ratio of the cgnstructed inboard
panel is less than one, then equation 5. 1.2. I-b would be expressed as

Sample problem 2 on page 5.1.2.1-6 illustrates the use of this method.

A comparison of low-speed test values with results calculated by this method is presented as table 5.1.2.I-B
(taken from reference 14). The limited availability of experimental data precludes substantiation of this
method.

1. Straight-Tapered Wing

Given: A sweptback wing of reference 29.

Sample Problems
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A = -l0

Compute:

A 0.60 r = 0 8 = 0 M = 0.13

-0.0072 per deg (figure 5.1.2.1-27, interpolated)

A 4.0

cos 59.20
;;; 7.81

0.13 cos 1\/2 = 0.067

K"A = 1.00 (figure 5.1.2.1-28.)

-0.0016 per deg (figure 5.1.2.1-28b)

Solution:

C
1

{3 =~:I(3) K + (C.I{3]] (equation 5.1.2.I-a with r = O. 8 = 0)
( L CL A "A CL

e/2 A

= t(Q·007 2) (1.0) + (-G.OO 16)J

= -0.0088 per deg (based on Sw bw )

This result compares with a test value of -0.0094 from reference 29.

, Non-Straight-Tapered Wing_.

Given: A cranked wing of reference 30.

Total-Wing Characteristics:

bw
Sw = 12.IOsqft = 3.0 ft AW = 0.470

2

1/0 = 0.583 c = 2.75 ft Aw = 2.975
'w

ALE. = 59.00
ALE = 48.5° A = 55.0°

I 0
c/2i

!I.e /2 0
= 41.0° r = 0 8 = 0

Constructed-Inboard-Panel Characteristics:

S. = 8.18 sq ft A. = 1.50 Ai = 0.70
I I

m= 1.75 ft !I. = 55.0° ALE. = 59.0°ef2; I
I
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= 0.676

Constructed-Outboard-Panel Characteristics:

S~ = 7.72 sq ft A' = 2.34
o

)..' = 0.55
o

,

(~t = 2.125 ft

Additional Characteristics:

- A = 41.00
- e/2

0

S'o
= 0.638

Sw

Compute

M = 0.18; Il = 0.984 K = 1.0 (assumed)

A. [ ] 1/2 I 50 I j1/2-' 112 + tan2 A /2 = -'- 0.9676 + (1.428 f)2 = 2.60
K e i 1.0

(~~. = 1.19 per rad (figure 4.1.3.2-49)
I

/CALO'\O'
\ -; = 1.11 per rad (figure 4.1.3.2-49)

= 1.785 (0.676) + 2.60 (0.638) = 2.865
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(

C/1J\

cliA
C

/
2,

(
cIIJ~ = -0.0045 per deg (figure 5.1.2.1-27, interpolated for A., A., and A /2 )
C I lei

l A
C

/
2j

( C
ZIJ

) = -0.0032 per deg (figure 5.1.2.1-27, interpolated for A~, A~, and Ac/
2
')

~ A ' 0
c/2

0

Ai 1.50
--- = --= 2.615
cos Ac/2 . 0.5736

I

M cos Ac/2 . = (0.18)(0.5736) = 0.103
I

KM = 1.0 (figure 5.1.2.1-28a)
Ai

A'
o

cos h e/2 '
o

2.34
= = 3.10

0.7547

= -0.0065 perdeg (figure 5.1.2.1-28bat Ai and Ai)

McosAc/2~= (0.18)(0.7547) = 0.136

= 1.0 (figure 5.1.2.1-28a)

= -0.0034 per deg (figure 5.1.2.1-28b at A~

5.1.2.1-8
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Solution:

= _I_ \1.785 (0.676) [-<l.0045 (1.0) + (-<l.0065)j3.5 + 2.60 (0.638) 1-<l.0032 (1.0) + (-<l.0034)j\
2.865 6.0

= _1-
1
'-<l.00774 - 0.01095 \ = -<l.00652 per deg (based on Swbw)

2.865

This result compares with a test value of -<l.00628 from reference 30.

B. TRANSONIC

As the Mach number increases above M = 0.6, the rolling-moment derivative C til of straight-tapered wings

also increases, up to the force-break Mach number. The increase is nonlinear, with the largest gradient
occurring just below the force-break Mach number. Beyond the force-break Mach number the value of
the rolling-moment derivative falls off abruptly.

This variation with Mach number is quite similar to that of the wing lift-curve slope, as discussed in para
graph B of Section 4.1 .3.2. This correspondence should perhaps be expected, since CI

Il
has been success-

fully treated by using the effective lift-curve slopes of the upwind and downwind panels (reference 3).

The similarity in Mach number characteristics between rolling moment and lift-curve slope suggests a
transonic interpolation method based on lift-curve slope, for calculating rolling moment. An interpolation
equation is presented that is based on the square of the lift-curve slope values at M = 0.6 and at M = 1.4.

Although this interpolation method gives good results in most cases, it must be recognized that it is an
interpolation technique and should be replaced by more accurate methods or data if they are available.

The Datcom method is limited to straight-tapered wings and is valid for sideslip angles between _50 and
+50 and low angles of attack.

DATCOM METHOD

The wing rolling moment due to sideslip of straight-tapered wings may be approximated through the
transonic region by means of the interpolation formula

= (per degree)

5.1.2.1-0
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where

is the sideslip derivative at M= 0.6 from the straight-tapered wing method of
paragraph A.

is the sideslip derivative at M =1.4 from the straight-tapered-wing method of
paragraph C.

is the square of the lift-curve slope at M =0.6 from the straight-tapered-wing method
of paragraph A of Section 4.1.3.2 (figure 4.1.3.2-49).

is the square of the normal-force-curve slope at M = 1.4 from the straight-tapered
wing method of paragraph C of Section 4.1.3.2.

The transonic interpolation procedure is the same for wing-alone and wing-body configurations. Since the
only available experimental data are for wing-body configurations, the sample problem of paragraph B of
Section 5.2.2.1 can be taken as an example of the application of this method.

C. SUPERSONIC

The rolling moment due to sideslip for a wing at supersonic speeds is mainly a function of planform, Mach
number, and dihedral angle.

A comprehensive summary of theoretical methods for calculating the effect of planform on rolling moment
is given in reference 15. The information presented in this reference is not generalized, but is presented for
discrete straight-tapered planforms over certain speed ranges. This is done because the theoretical calcula
tions available are limited primarily to combinations of planforms and Mach lines that do not have
mutually interacting subsonic edges. Techniques for handling mutually interacting subsonic edges are
lengthy and involved. Consequently, numerical results are available for only a relatively few planforms that
require such methods. Even when the boundary conditions can be specified and a linear-theory analysis
carried out, the rolling moment cannot be generally expressed as a linear function of sideslip angle (see
reference 16). To obtain the derivative C1(3' it is necessary to plot C I against (3 and measure the slope.

For planforms having streamwise tips there are additional questions concerning whether or not the Kutta
condition applies at the trailing tip. In reference 6 it is assumed that it does. In reference 8 it is assumed
that it does not, and values of opposite (negative) sign are obtained. In very few cases should any signifi
cant contribution be expected from the trailing tip. Nevertheless, most experimental measurements made
to date give negative values of C1(3.

Reference 17 indicates that agreement between experiment and theory for straight-tapered swept wings with
streamwise tips may be obtained by integrating the span loading at combined angles of attack and sideslip;
references 7 and 18 show calculations for such span loadings. However, there is no simple analytic expres
sion for calculating CliO/., and general digital computer solutions are not yet available.

For delta wings, the theory of reference 16 predicts a discontinuity and change in sign for C 1(3 at the

Mach number at which the leading edge is sonic. Since discontinuities of this type do not occur physically,
there is some question as to what shape the CI (3 curve should have in the sonic-leading-edge region.

n,e above discussions indicate the present uncertain status of supersonic rolling-moment theory.
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None of the previously mentioned theoretical methods are used in the Datcom. However, the discussion
is included because no method yet developed is entirely satisfactory for all configurations over the entire
speed range. It is felt that the Datcom does give best results for the widest range of configurations and
speeds, but it must be recognized that there may be regions where one of the references mentioned gives
better results.

Methods are presented for determining the rolling moment due to sideslip for the following classes of
wing planforms:

Straight-Tap.red Wings (conventional, trapezoidal wings)

Non-Straight-Tapered Wings

Double-delta wings
Cranked wings

These two general categories of non-straight-tapered wings are illustrated in sketch (a) of Section
4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2.

The straight-tapered-wing method is essentially that of reference 19, with the nomograph of page J.2-1.10
represented by an equation. This is done because of the inaccuracy of the nomograph at the higher Mach
numbers, where the rolling moments are small. The nomograph of reference 19 was derived by writing
the effective lift-curve slope for each wing panel as a function of sweepback and sideslip, multiplying this
effective lift-curve slope by the spanwise center-of-pressure location, and taking the derivative of this
product with respect to sideslip angle. One characteristic of this method is that it does not give positive
rolling moments with positive sideslip angles (negative dihedral effect) for any speed range or planform.
This is in direct opposition to certain other theories (reference 16) but is in qualitative agreement with
experimental data. (References 20 through 27).

Another characteristic of the straight-tapered-wing method is that it predicts a linear variation of C III

with C
L

. This, however, is. not in agreement with the experimental data of references 20 through 27. In
these tests, q Il is nonlinear with both angle of attack and sideslip. Since all these experimental tests

are on wing-body combinations, it is not known to what extent the experimental nonlinearities may be
caused by the body or by wing-body interference effects.

Geometric-dihedral effects are accounted for by the method of reference 28. This reference bases the
dihedral parameter C I / r on the damping-in-roll parameter C/ ' by nieans of the following equation:

Il p

(per degree 2) 5.1.2.1-<1

Although this equation is strictly an approximation, comparison of experimental data with values calculated
from it shows that it gives good results. This success is largely due to the use of C I as a base, since this

p
latter derivative is one for which supersonic theory has given best results.

The Datcom method for double-delta and cranked wings is taken from reference 14. The supersonic pre
diction method has resulted from an analysis based on the same guide lines as the subsonic analysis. The
straight-tapered-wing method is used as a base and a wing-lift prediction technique is used to weight the
rolling-moment contributions of the various portions of the wing.
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The nonlineanties of C Ijl with both angle of attack and sideslip, discussed above in connection with

straight-tapered wings, also exist for the double-delta and cranked wings investigated during the course of
the study conducted in connection with reference 14. .

DATCOM METHODS

Straight-Tapered Wings

The rolling moment at Mach numbers above 1.4 for conventional, untwisted wings with uniform geometric
dihedral in the linear angle-of-attack and sideslip ranges is given by

where

CN", [ 1( ALE)tan ALE [M
2

cos
2

ALE ~tan ALE)
4'1; -0.061 C

N
-- I +A(I +ALE )' 1+-- +
57.3 2 jl A 4

+ rCV) (per degree) 5.1.2.1-e

is the wing leading-edge sweep in radians.

is the wing normal-force-curve slope per radian, obtained from the straight-tapered-wing
method of paragraph C of Section 4.1.3.2.

is the dihedral parameter calculated by using equation 5.1.2.1-d with Cl (per radian)
obtained from paragraph C of Section 7.1.2.2. p

r is the dihedral angle in degrees (uniform dihedral).

Sample problem I on page 5.1.2.1-16 illustrates the use of this method applied to a straight-tapered wing
with zero degrees dihedral.

A sample problem including the effect of uniform dihedral is presented in paragraph C of Section 5.2.2.1.

A comparison of test values of supersonic wing rolling moments due to sideslip with results calculated by
using this method is presented as table 5.1.2.1-e. The ranges of Mach number and geometric parameters
of the data are:

3.05 As 4.0

0.1405 A 50.250

1.62'" M'" 4.65

A data summary of calculated versus test values of the dihedral parameter (~CI) (including fuselage, r
effects) is presented for wing-body configurations at supersonic speeds in Section 5.2.2.1 (table 5.2.2.I-E}
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Non-Straight-Tapered Wings

The method for determining the rolling moment due to sideslip of double-delta and cranked wings is taken
from reference 14. The composite wing is divided into two panels with each panel having conventional
straight-tapered geometry. Then the lift-eurve slopes and geometric characteristics of the two panels are
substituted into the straight-tapered-wing method (equation 5. I .2.I-e). In order to maintain the proper span
reference the rolling-moment contribution of the innermost panel is further modified by multiplying its
contribution by the ratio of its span to the reference span (total wing span).

The method is applicable only to untwisted wings with zero degrees dihedral at low angles of attack and
sideslip. A further restriction is that the composite-wing trailing edge must be unbroken (straight trailing
edge from root to tip).

The rolling-moment derivative CI/3 of double-delta and cranked wings is obtained from the procedure ou!

lined in the following steps:

Step I. Divide the composite wing into two panels as follows (see sketch (b», and determine their
pertinent geometric characteristics.

Basic Wing - the outboard leading and trailing edges extended to the center line.
This constructed panel is denoted by the subscript bw.

Glove .. a delta wing superimposed over the basic wing. The glove leading edgc
is that of the inboard panel. This zero-taper wing is denoted by the
subscript g.

GLOVE

BASIC WING

SKETCH (b)

Step 2. Determine the nor~a1-force-curveslopes of the glove and basic wing (per radian) by using
the supersomc deSign charts of Section 4.1.3.2. (CN ) is obtained from figure 4.1.3.2-56
and (CN"')g from figure 4.1.3.2-63. '" bw
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Step 3 IJetermme the "lift-interference factor" KL from figure 4.1.3.2-61 as a function of the
glove normal-foree-curve slope.

Step 4. Determine the rolling moment due to sideslip, based on the total wing area and span, by

c
1{3

cN

5.1.2.I-f

where the subscripts g and bw denote the glove and basic wing, respectively. The leading
edge sweep of the panels, ALE and A LF_ ,are in radians.

g -bw

Another class of composite wings of practical interest are those with the outboard wing sweep greater than
the inboard wing sweep. In treating such wings, if the basic wing breakdown is defined as in sketch (b),
some additional wing area is created forward of the wing sweep break as illustrated in sketch (e).

BASIC WING

SKETCH (e)

5.1.2.1-14



For this class of composite wings the normal-foree-curve slope of the basic wing (CN ) is determined by
ex bw

extending the basic-wing leading edge to the center line, calculating the normal-foree-curve slope of the
extended basic wing panel, and calculating and subtracting the normal-foree-curve slope of the section of the
basic-wing panel forward of the wing sweep break. This is shown schematically in sketch (d).

SKETCH (d)

During the course of study conducted in connection with reference 14, the normal-force-curve slopes of the
basic wing and glove were correlated with test data for configurations with the outboard wing sweep greater
than the inboard wing sweep through the use of an empirical correlation factor K, which corresponds to the
"lift-interference factor" K~. A complete analysis was not accomplished; however, based on a limited
amount of rolling-moment data, K appears to be approximately one.

The rolling moment due to sideslip for this class of composite wings is obtained using equation 5.1.2.I-f in
the following manner:

I. The term KL is replaced by the term K, where K = 1.0.

2. The product of the normal-force-curve slope and the ratio of basic-wing area to total-wing area is
replaced by the expression shown in sketch (d).

3. The aspect ratio, taper ratio, and sweepback of the basic wing are considered to be those of the

extended basic wing, which corresponds to panel CD in sketch (d).

4. The glove has the same geometry as in cases where the glove sweep is greater than the outboard
wing sweep.

Sample problem 2 on page 5.1.2.1-18 illustrates the use of the non-straight-tapered-wing method.

A comparison of test values of supersonic wing rolling moments due to sideslip with results calculated l>y
using this method is presented as table 5.1.2.I-D (taken from reference 14). A specific comparison oftest
values with calculated results for a cranked wing is shown in sketch (e). Also shown is a comparison of
test values and results calculated by using the straight-tapered-wing method for the case where the basic
wing and the glove sweep angles are the same.

It is suggested that this method be restricted to Mach numbers above 1.4 and to glove leading..,dle sweep
angles less than 800 . At high leading..,dge sweep angles the t~rms tanA

LE
IIJ and (tanA

LE
14) /3

become excessively large and equation 5.1.2.I-f overpredicts C I . I I
IJ
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--- CRANKED-WING PREDICTIONS
- - - DATCOM STRAIGHT-WING PREDICTION

ALE OUTBOARD PANEL LEADING

75°\
SYMBOL EDGE SWEEP ANGLE, ALE

0

I"" 0 30°
l> 45°
0 65°

'"
v 75°

GLOVE LEADING-EDGE

"'"
SWEEP ANGLE; 65°

65° • .........
.....

~."" .............
........... - ..:

"'-- a- - --1---
45°..,...

~

30°...,15-
9

c
:> to ...

-.8

-.6

Clip -.4

(',

(per deg)

-.2

o
I.2 I 1.6 2.0 2.4 2.8 3.2

I. Straight-Tapered Wing

MACH NUMBER

COMPARISON OF CRANKED-WING ROLLING-MOMENT
COEFFICIENT PREDICTIONS WITH TEST DATA

SKETCH (e)

Sample Problems

Given: A wing-body configuration with a midwinglocation from reference 25.

A; 3.0 ). ; 0.250 ALE; 30.97°; 0.540 rad r = 0

M = 2.01; P = 1.744

Compute:

Airfoil section: 4-percent circular arc

6y = 0.47 (figure 2.2.1-8)
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0.47
= 0.8575 = 0.548 (Section 4.1.3.2)

.1 6y.L
1i.L = tan = tan' 1 0.09368 = 5.350

5.85

0.6002
= --= 0.3442

1.744

M2 cos 2 ALE
A

(2.01Y (0.8575)2
= = 0.990

3.0

= (
0.60021/3 -_ 0.0797

4.0

CN (Section 4.1.3.2)

'"
A tan ALE = (3.0) (0.6002) = 1.80

Ii ICN ) = 3.83 per rad (figure 4.1.3.2-56c)
\' '" IheOIy

Ic \ = 2.20 per rad
\ NWtheOIy

(figure 4.1.3.2-60)

ICN ) = (1.0)(2.20) = 2.20 per rad
\ '" !hell<)'

Solution:

CIii CN", I I ~ ALE) tan ALE [M
1

cos
1

ALE (tan ALE)'4/3]
-=-0.061-- I+A(l+ALE ) 1+-- +
CN 57.3 2 Ii A 4

(equation 5.1.2.1-e witl) r = 0)

= -0.061 ~~~~ II + 0.25 (l + 0.540») (I + 0.~40) (0.3442) 10.990 + 0.0797)

= -0.00152 per deg (based on Swbw)

This result compares with a test value of -0.00143 from reference 25.
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2. Non-Straight-Tapered Wing

Given: A hypothetical cranked wing

Total Wing Characteristics:

Sw = 7.05 sq ft

Sg = 1.732 sq ft

bw
= 2.50 ft

2

1/8 = 0.400 ALE. = 600

I

Ag = 0

bg
= 1.0 ft

2
= 0.246

= 0.608 ftc'w

= ALE
o Glove Characteristics:

1---- bbw --l
2

Basic Wing Characteristics:

Abw = 0.407 = 6.30 sq ft
bbw

2
= 2.50 ft

= 45 0 = 0.785 rad = 0.894
Sw

Additional Characteristics:

M = 2.96; {3 = 2.79

Compute:

ALE

1 + --g = 1.524
2

tan ALE
g

{3

1.732
=

2.79
= 0.621
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(
an ALE~4/3 (1.732)4/3
__...!g = - = 0.3276

4 4

(Section 4.1.3.2)

_~/l_ 2.79= = 1.611
tan ALE 1.732

g

= 0.624 per rad (figure 4.1.3.2-63)

= I.44 per rad

KL (Section 4.1.3.2)

I=- (1.44) (0.246)
2.79

= 0.127 per rad

KL = 0.873 (figure 4.1.3.2-61)

= L785; 1.393

tan ALK 0
-bW =.!..:....£ = 0.358

/l 2.79

(2.96)2 (0.7071 )2
= 1.103

3.97

(Section 4.1.3.2)

~an:L~r3 =

(CNat

h.00)4/3
\4.0

= 0.1575

= 0.358; A tan AL~ = 3.97

/lCN = 4.07 per rad (figures 4. I .3.2-56c through -56e interpolated)a '
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(cN) = 1.46 per rad
'" bw

Solution:

~:' ~'''' t' (c;,;~, ;;1~. A~,")("";"')r' oo::A", •(,,":"r]~

[
KL(CNJ :bW]r ]1 ALf:

bw
\

-0.061 57.; W L+Abw (1 +ALEbw) ~ +-2--;

(tan ;LEb~ rM2 C::wALEbW +(tan :LEb~ 4/17[ 'l J (equation 5.1.2.1-1)

= -0.061 [0.873 (1.44) (0.246)] (1.524) (0.621) [0.948 + 0.3276]2.0
57.3 5.0

-0.061 [0.873 (1.46) (0.894)1 [I + 0.407 (1.785)1 (1.393) (0.358) [1.103 + 0.15751
57.3 1

= -0.061 [0.002611- 0.061 [0.0216]

-0.00148 per deg
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TABLE 5.1.2.1·A

LOW-SPEEO ROLLING MOMENT DUE TO SIDESLIP

DATA SUMMARY AND SUBSTANTIATION
.

T

r) (:/~). 10 3 t.C/~ • 10
3

.-l. .,0 3

/\/2
AI. x 10.6

CL calc L test (per degl

Ref. A ldegl A M (per deg) (per deg) (Calc-Test)

8 1.34 0 1.0 0.13 1.6 - 8.8 - 8.0 -0.8

I 45 I -11.8 -11.6 -0.2

60 -13.5 -14.6 1.1

2.61 0 1.1 - 4.3 - 4A 0.1

j 45 j - 8.0 - 8.0 0

60 -11.0 -1',3 0.3

5.16 0 0.8 - 1.8 - 1.2 -0.6

I 45 j - 6.3 - 5.6 -0,7

60 -10.2 -10.0 -0.2

9 3.5 58.3 0.25 0.13 8.0 - 7.8 - 8.2 OA

10 2.31 40.9 0 0.17 2.1 - 5.0 - 4,5 -0.5

11 2 _7.1 0.6 0.13 1.0 - 4.0 - 4.2 0.2

j 4 -3.6 I j 0.7 - lA -1.4 0

6 -2.4 0.6 - 0.5 - 0.7 0.2

12 2 41.2 0.6 0.13 1.0 - 7.5 - 7.5 0

I 4 43.0 j j 0.7 - 5.5 - 5.5 0

6 43.8 0.6 - 5.0 - 4.5 -0.5

13 0.25 83.2 0 0.13 1.0 -46.5 -40.0 -6.5

0.53 75.3 -22.0 -20.0 -2.0

1.01 61.7 - 9.9 -11.6 1.7

2.31 40.9 - 5.0 - 4.1 -0.9

4.0 26.6 - 2.3 - 2.0 -0.3

6.93 16.1 - 1.0 - 1.0 0

29 2 58.0 0.6 0.13 1.0 -10.1 -10.6 0.5

1
4 59.2 j j 0.7 - 8.8 - 9.4 0.6

6 59A 0.6 _ 8.7 - 9.4 0.7

Average Error =

~It.c/~x 10
3 1

= 0.7 x 10.3 per deg
n
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TABLE 5.1.2.1·a

LOW-8PEEO ROLLING MOMENT DUE TO SIDESLIP

OF NON-8TRAIGHT·TAPERED WINGS

DATA SUMMARY

CI~) xl0
3 Cl~) C/~

RQMAC
--C- x 10

3 d--x 10 3

ALE. ALE CL, 0 calc L test

Ref. Config. Planform Idogl Idog) M x 10-6 (per deg) (per deg) (per deg)

30 W8 Cranked TE 60 60 0.18 1.26 -5.68 -5.03 ·0.65
I

j jj Cranked LE 59 48.5 0.18 -6.52 -6.28 -0.24

31 W CAankedlal 45 30.25 0.132 0.84 -2.45 ·2.97 0.52

32 W Cranked1al 45 30.20 0,07 0.48 -2_97 -2.20 -0.77

(a) Two br'eaks in leading-edge sweep C/

Average Error =

Lid c~ x
103

1
0.65 x 10.3 per deg=

n
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TABLE 5.U.l-C

SUPERSONIC WING ROLLING MOMENT DUE TO SIDESLIP

DATA SUMMARY AND SUBSTANTIATION

Ref.

21

23

24

25

26

27

A

3.5

3.0

4.0

3.0

3.0

3.0

j
4.0

I
3_0

I

20.9

41.7

51.6

38.3

49.4

31.0

38.7

60.7

J
49.4

I
62.9

I

0.200

0.140

0.200

0.250

0.143

0.200

M

2.01

4.06

2.01

2.01

2.29

2.98

3.96

4.65

1.62

2.62

1.62

2.62

1.62

2.62

2.20

2.7

1.84

1.84

2.10

0.64

0.72

0.64

0.72

0.64

0.72

( :~) .,03

calc

(per deg)

-0.85

·1.78

·2.34

-1.50

-1.84

-1.66

·1.75

·1.66

-1.57

-1.73

-3.05

-2.20

·2.43

-1.70

-4.90

-2.70

( :I{3) .,0 3

N test

(per degl

-0.80

-1.00

-1.80

·1.00

·2.02

·1.43

-1.33

·1.66

-1.77

-1.86

·1.49

-1.56

-1.27

·1.87

-3_10

-2.41

LlCI{3' 10
3

(per deg)

(Calc.-Test)

-0.05

-0.78

·0.54

-0.50

0.18

·0.23

-0.42

o

0.20

0.13

-1.56

-0.64

-1.16

0.17

-1.80

-0.29

Average Error

Note: In calculating C. leN for this table. experimental values of eN were used.<{3 a

LI LlC/{3'
103 1

... ... 0.54 x 10.3 per deg

"
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TABLE 5.1.2.1-0

SUPERSONIC ROLLING MOMENT DUE TO SIDESLIP OF

NON-5TAAIGHT-TAPEAEO WINGS

DATA SUMMARY

( ~~t:103 Ci~) CI~

ALE. ALE AQlft ~ ,est x 10

3
~--xl03

, 0 CL
Ref. Config. Planform Idogl (deg) M )( 10-6 (per deg) (per deg) (per deg)

33 WB Cranked 60 75 2.50 3.0 ·5_38

j j j j j
2.96

j
-4.40

3.95 -3.37

34 WB Cranked 65 30 1.41 3.0 -1.19

J
45 I -2.27

2.20 -1.31
35 2.60 -1.14

j
2.96 -1.08

I 3.95 -0.99 laJ

34 75 1.41 -12.60

j 2.20 -B.61

35 2.60 -5.41

j
2.96 -4.79
3.95 ·3.68

36 WBN Double Delta. Bl 50 2.01 1.10 -8.74

I j 73 50 2.01
J

·3.68

37 WBN B3.5 50 1.41 1.45 -17.90
I I j j 2.20 2.26 -10.30

fa) This information is classified CONF IOENTIAL.

L
Ci

~---i .,0 3

CL
A~erage Error < = 1.61 )( 10-3 per deg

n
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5.1.2.2 WING ROLLING-MOMENT COEFFICIENT CI AT ANGLE OF ATTACK

A. SUBSONIC

C
In Section 5.1.2.1, the wing rolling moments due to sideslip were dilCuued in terms of the parameters ~ and

!:!L. Th..., parameters imply that the rolling moment is a linear function of both lift coefficient and dihedra~ angle.
r

This linearity holds true only if the flow is everywhere attached. Once separation takes place, the rolling.moment
derivatives may vary considerably from the linear.range value, even changing sign in certain caees.

Because of .the nonlinear nature of the separation effects governing C,~, no theoretical analysis ot this parameter at
the higher angles of attack has been successful. An empirical approach along the lines of Section 4.1.3.4 appears to he
feasible. However, until 8 systematic method is developed, the preeentation of this Handbook will be limited to a
qualitative discussion of the important parameters governing c,~ at high angles of attack, including certain repre
sentative examples.

Effect of P1anform

As was mentioned in Section 4.1.3.4, planform shape playa an important part in determining the place at which separation
first appears on a wing and how it subsequently progressea with increasing angle of attack. The manner in which the
various separation patterns inRuence the rolling.moment characteristics is illustrated in figure 5.1.2.2- 4.

For the unswept wing of figure' 5.1.2.2· 4 , separation occurs first at the wing trailing edge and then progresses
forward with increasing angle of attack. When this wing is yawed, the separated area is displaced toward the downwind
winl; tip t presumably the result of spanwise boundary.layer flow). The size of the separated area on the downwind panel
also increases with increasing angle of attack. The resulting lift differential between the upwind and downwind panels
then gives rise to a powerful negative rolling moment (positive dihedral effect).

For swept and delta wings, separation occurs first at the wing leading edge. The separated flow rolls into two strong
vortices lying along the wing leading edges. Changes in magnitude and distribution of the lift force on the wing are
associated with these vortices. When these wings are yawed, the decrease in sweep angle of the upwind wing panel caules
the leading.edge vortex on this panel to lose strength and to turn away from the leading edge farther inboard than the
corresponding vortex on the downwind panel (see figure 5.1.2.2- 4 ). This asymmetry results in a relative 105s in
lift on the upwind wing panel, even thQugh there is a partially compensating effective increase in angle of attack due to
the geometry of combined sweep and yaw. At angles of attack beyond the stall, flow over the wing is completely separated
and all wing planforms have basically similar rolling.moment characteristics.

The trends presented in hgure 5.1.2.2· 4 are valid only for small sideslip angles (± 5·'. At larger angles of sideslip.
the curves of C, 8!o a function of fJ for the swept and delta wings reverse, and these wings then show positive-dihedral
characteristics, as shown in figur~ 5.1.2.2· 5.

Effect of Leading.Edge Shape

Since leading-edge shape is !lhown to have an important effect on the strength of the wing leading-edge vortex, and hence
on the wing lift (Section .....1.3.-1.'1, it is to be expected that wing rolling moments that also depend on vortex character
istics are influenced by wing leading·ed~e shape.

5.1.2.2 - 1



Th~ efff"Ct of win,:; airfoil section (Ieading-edge ah.apel on er, ill illustrated in &.gure 5.1.2.'2·6.

RrieR)" summarized, this figure shows It.at the .harper the ~illl'; leading ed,r;e, the lower the lift coellicientat whicL e"
deviates from the linear.theory value (filt'lrel 5.1.2.2· 6.a and 5.-I.2.2- 6b). Reducing the Reynold. number tende to promote
leadinll(-edge separalion and thus produces the _me eRedI _ lharpeni~ the IeaclinB edge (&~ure 5.1.2.2.6c).

Vnder certain circumstances, inlrocluction of leadint:-edge rough__ aleo trigen leading-edgc 8ep8ration and therefore
L'au!lC5 the rolling.moment characteristics to deviale from linear val....

Very Low Aspect Ralios

For ver)" low.upecl-ratio wings., C,. at high anglea of au.ek is not only highly nonlinear but may also be non
symmetrical wilh respect to sideslip: Experimental data -showing this effect for low-aspect-ratio trianp:ular winp:s is
;:-iven in reference 3. This unusual ch.t8cteristic may be related to the formation of unsymmetrical leadinp:-edllte vortices
:>imilar 10 Ihose observed for bodies of revolulion al high anp:1es of alUck in referenca 4 and 5. In these two references
ii is shown Ihal as the angle of attack is increased' for bodies of revolution, the vortex syatem changes from a sleady
~ymfilf"lric psir 10 a sleady asymmetric configuration of two or more vorticee and., finally, at luse angles of altack, 10 an
unsteady a~ymmetric arrangement. Experimental lCIIIa with free Hying low.aapect.ratio-wing models han shown that
uOlIei'irable laleral characteriltice are prellCnt for ..peet ratioe considerably larger than thoee at which static uymmetric
lollin;?: momenl3 cease to be apparent (reference 6'. However, in this teal: the ltatic rolling-moment ch.raeteriltics may
be obscured by the dynamic coupling effects of free Hill:ht.

Geometric Dihedral

The eRects of geometric dihedral on wings at high angles of attack are directly related to the lih-eurve slope at the
!lame angle of auack. Thi. relationship is

h is evident that near maximum lift, where the lift-curve slope ia small, a variation in geometric dihedral is not an
tffecJive way to change the win(lt rolling·moment characteriltica.

B. TRANSONIC

The transonic rollin~-moment charaeleriltice of wings at high ansles of attack generally show considerable variation
with Mach number. (reference 2).

The chan~es in rolling-moment characteristics are rou~hly related to changes in panel lift ch.racteristics. At transonic
Mach numbers 1M> .9) the win~ lift~urve slope and maximum-lift characteriltica underp:o marked chanpa (see
Sectionlll.1.3.2 and 4.1.3.-0, which are reftected in changes in the wing rollin~ momenta.

For !lwept wings. the negative.dihedral eReets at high angles of auKk are reduced or eliminated with increuin« Mach
number. This is due to chanltes in the leadin,:-edge vortex characteristics with Mach number that permit the leading wins
pand to carry more lift.

For unawept wings, the increued. compressibility effects on the force-break characteristics of the more hipl)' loaded
iraclin~ win~ Jend to reduce or even reverar. the positive-dihedra. characteriatica in evidence at lower speed.. Mach
number tftectll on the rolling moment due to p:eometric dihedral of any win~ at hi((h angle. of attack are small.
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C. SUPERSONIC

Experimental data on wing rollin~ moments due to sideslip.t supenonic apeeds and high angles of attack are relatively
scarce, but the rollowjog generallrends are observed.

Effect of Planform

For swept winp. the poeitive-dihedral effects that are in evidence .t low angles of attack increue in magnitude with
increasinl!: .n~le of attack. This characteristic is relatively insen.iliyl': to Mach number variations (reference 7).

For unswepl wings at Mach numbers below 2 the value of c" tends toward &ero with increasing angle of attllck. This
is true for the high-wing. midwjng, and low-wing configurations tested in refercD<:e 8. At Mach numben above 2 the ...me
configurationa show. trend toward increasingly positive dihedral efecb with increasing angle of attack. At the hill:her
Mach numben the unswept-wing charActeristics are similar to the swept-wing characteristics.

Geometric Dihedral

The experimental data of reference 7 show that up to 12- angle of attack the rolling-moment increment due to dihedral
is esaenlially lhe same as 81 aero angle of auack. This result i. aornewhat unexpected, aince a calculation of the local
angles of attack of the left and right wing panels individually would predict a variation in dihedral effect (lee reference 71.
Possibly the diacrepancy is due to sweep and/or wing-body interference effects.

If the geometric dihedral effects are uaumed to be independent of angle of attack for all con6gurationa at supersonic
speeds, then the methods of Section 5.".2.1 intended for low angles of attack are also applicable at the higher angles
of auack.
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5.1.3 WING SIDESLIP DERNATNE Cn p

5.1.3.1 WING SIDESLIP DERIVATIVE Cn IN THE LINEAR ANGLE-Of-ATTACK RANGE
o

The yawing moment of a wing in sideslip is primarily caused by the asymmetrical induced-drag
distribution associated with the asymmetrical lift distribution. The wing contribution to the
derivative Cn 0 is importan t only at large incidences.

Methods are presented in this section for estimating the wing yawing moment due to sideslip in the
subsonic and supersonic speed regimes. Methods for estimating this derivative in the transonic speed
regime are not available.

A. SUBSONIC

The Datcom method presented herein is based on the same theory as that used to determine wing
side force due to sideslip, and the general discussion of Paragraph A of Section 5.1.!.1 is directly
applicable here. The method is valid in the linear angle-of-attack region.

DATCOM METHOD

The yawing moment derivative at low speeds is given in Reference I as

Cn o

C 2
L

I
:

57.3 [
I tan Ac/4 ( A

41rA - 1rA(A + 4 cos A
c
/
4

) cos Ac/4 - 2' -
A2 lr

=----+6 
8 cos Ac/4 C

(per deg) 5.1.3. I-a

where x is the longitudinal distance (positive rearward) from the coordinate origin (usually the
center of gravity) to the wing aerodynamic center.

The wing contribution to the yawing moment due to sideslip at low speeds is shown to be
independent of both, taper ratio and dihedral in References 2 and 3, respectively.

For suberitical speeds, the low-speed derivative can be modified by the Prandtl-Glauert rule to yield
approximate corrections for the first-order three-dimensional effects of compressibility. The
resulting expression from Reference 4 is

en:)
L M

where

: ( A + 4 cos Ac/4 ) (A
2

B
2

+ 4AB cos Ac/4 - 8 cos
2

Ac/4) (Cno )

AB + 4 cos AC/ 4 A2 + 4A cos A _ 8 cos2 A C 2
c/4 c/4 L low

",eed

5.1.3.I-b
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Calculated values for the wing yawing moment due to sideslip at low subsonic speeds obtained by
the Datcom method for the wing configurations of References 5, 6, and 7 are compared with
experimental data in Figure 5.1.3.1-5. The comparison indicates that the calculated values are fairly
reliable over a range of lift coefficient (starting from zero) that decreases as wing sweep increases.
Large discrepancies are noted for highly swept wings at lift coefficients for which the flow is
believed to be partially separated.

Sample Problem

Given: The wing of Reference 5

A = 4.0

Compute:

= 0.037 M 0.13

sin "'c/4

cos "'c/4

tan "'c/4

Solution:

= 0.866

= 0.500

= 1.732

= _1_ [_1_ _ tan "'c/4 (cos"'-
57.3 411A "A(A + 4 cos "'C/4) \ c/4

A

2

A2 -
,,-....:..:...,....._ + 6 X
8 cos I\.c/4 C

= _1_ [_1_ _ 1.732 (050 _ 4
57.3 16" 4" [4 + (4) (0.50)]' 2

I
[(0.01989) - (0.02297) (-5.452)J

57.3

1
[(0.01989) + (0.1252)]

57.3

= 0.00253 per deg

(per deg) (equation 5.1.3.I-a)

(4)2 0.866)1
(8) (0.50) + (6) (0.037) -4- .

5.1.3.1-2

c2
C x 103

CL L
"p

(per deg)

0.05 0.0025 0.00633

0.10 0.010 0.0253

0.20 0.040 0.1012

0.30 0.090 0.2277

0.40 0.160 0.4048

0.50 0.250 0.6325

0.60 0.360 0.9108



These results are compared with experimental values in Figure 5.1.3.1-5.

B. TRANSONIC

There are no methods available for estimating the wing }'awing moment due to sideslip in the
transonic regime and none are presented in the Datcom. Furthennore, there are no experimental
data available in the transonic speed regime.

C. SUPERSONIC

No general method has been developed for estimating the wing yawing moment due to sideslip at
supersonic speeds. However, theoretical methods are available for discrete planfonns over certain
speed ranges. A comprehensive summary of the available theoretical methods for calculating the
wing yawing moment due to sideslip is presented in Reference 9. Datcom methods are based on the
same theory as that used to detennine wing side force due to sideslip, and the general discussion of
Paragraph C of Section 5.1.1.1 is directly applicable here.

DATCOM METHODS

The Datcom methods are taken from References 10, I I, and 12 and present the wing yawing
moment due to sideslip for rectangular planforms, triangular planfonns, and fully tapered
sweptback planfonns with sweptforward or sweptback trailing edges. The results are mainly
functions of planform geometry and Mach number. The general trend of the variation of Cn~ with
Mach number and aspect ratio is a reduction in the magnitude of the derivative with an increase in
these parame ters. .

Rectangular Planfonn: A fJ ;> 1.0

The wing yawing moment due to sideslip for rectangular planforms referred to an arbitrary moment
center is given in ReferencelO as

= [ 4~2 x
+ 8M2 --lr

C

1.
-- (perdeg)
57.3

5.1.3.1-e

where ex is in radians, Il =J M2 - I and x is the distance of the origin of moments from the
midchord point, measured along the longitudinal axis, positive ahead of midchord point.

Equation 5.1.3.1-e is valid for Mach number and aspect ratio greater than that for which the Mach
line from the leading edge of the tip section intersects the trailing edge of the opposite tip section
(AfJ ;> 1.0).

Sweptback Planform (X = 0): fJ cot ALE .;; 1.0

The wing yawing moment due to sideslip for fully tapered sweptback planforms is derived in
Reference II for triangular planfonns and in Reference 12 for planfonns with sweptforward or
sweptback trailing edges as
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C
n~

5.1.3.1-<1

where a is in radians and

Q(1lC)
E"(ilc)
F" (N)
F9 (N)

x

is obtained from Figure 5.1.1.1-6
is obtained from Figure 7.1.1.1-8
is obtained from Figure 7.1.1.2-8
is obtained from Figure 5.1.3.1-6

is the distance of the origin of moments from the 2/3 c
rB

point of the basic

triangular wing, measured along the longitudinal axis, positive ahead of the 2/3 c
rB

point. (See Sketch (a) of Section 7.1.1.1 for definition of basic triangular wing.)

For a triangular plan form the factors F9(N) and F't (N) are equal to 1.0.

Equation 5.1.3.1-<1 is valid for Mach number and aspect ratio for which the wing is contained within
the Mach cones springing from the apex and the trailing edge at the oen ter of the wing.
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5.2 WING·BODY COMBINATIONS IN SIDESLIP
5.2.1 WING·BODY SIDESLIP DERIVATIVE CYp

5.21.1 WING-BODY SIDESLIP DERIVATIVE CyP IN THE LINEAR ANGLE-OF-ATTACK RANGE

The wing-body side force due to sideslip can be considered as the Bum of the side forces of the body, the wing, the
wing-body interference. and the wing dihedral effect. The wing side force due to sideslip at low lift coefficient is
small in comparison to that due to the body and is neglected in the Datcom methods of this Section.

Wing-body interference, which is primarily 8 function of wing vertical position on the body, is presented 8S a frac
tion of the body contribution. Experimental investigations show that the contribution of wing-body interference to
the sideslip derivative CY/3 is essentially independent of sweep, wing planfonn, taper fatio. and Mach number.

The body is the chief contributor to the side force of a wing-body combination. Experimental results for the body
alone show a negative lateral force which increases as the body fineness ratio is decreased.

The range of applicability of the method is limited to the linear angle-of-attack range.

A. SUBSONIC

The wing-body side force due to sideslip is estimated by the following method.

DATCOM METHOD

The wing-body side force due to sideslip, based on wing area, is given by

(C) "K. (C _J (Body Reference Area) (6C_l
Yf3 WB I YffB Sw + Yp-r

where

5.2.1.1-a

ia tbe wing-body interference fnctor obtained from figuffl 5.2.1.1-7

is the body side force due to sideslip obtained from paragrapb A of Section 4.2.1.1 as

(CY;a " - (C La).

is the increment in side force due to wing dihedral and is approximated by (6Cy,8 >r " -0.0001 Irl
<r and f3 in degrees) (equation 5.1.1.1-b)

For a rapid but approximate estimation of the body side force due to sideslip, slender-body theory can be used,
wbich givea (Cyp). " -2 (per radIo where (C yp). is based on the body cross-sectional area at Xo (see page
4.2.1.1-1 for definition of xo).

A comparison of experimental data and values of wing-body side force due to sideslip at subsonic speeds calcu
lated by equation 5.2.1.1-a ia preaented as table 5.2. 1. I-A.

S...pl. Problem

Given: The wing body configuration of reference 3.

z..·

~~.:~~;~~~E:~J~

5.2.1.1-1



va
V" 0 0.542 sq ft

I. 0 3.45 ft

x,
0.500

L"

d 0 0.5 ft f 0 6.90 Zw 0 O. ,0.1667 ft

[' 0 °
Sw 2.25 sq ft

So :: 0.175 sq ft (area distribution curve at ~)
L.

Compute:

zwl ~ 0 0, ,0.667

K, mgo 0 1.57 }

K l Mid :: 1.0

K l Low:: 1.33

(figure 5.2.1. 1-7)

(k 2 - k,) 00.890 (figure 4.2. 1. 1-20a)

"0 _ 0.640 (figure 4.2.1.1-20b)
L.

(C ) 0 _ [2(k 2
- k,) So] (per rad) (equation 4.2. 1. I-a)

Ylla V"'"
B

(2)<0.89)<0.175) "",=====c. 0 -0.575 per rad (based on VB )
0.542

Solution:

_ K (" ) (BodY Reference Area) (6 C )
- ,vY,BB Sw + Y,Bf

= K, (_0.575/
0

.
542)+ 0

\2.25

o -0.1385 K, per rad

= -0.00242 K, per deg

(equation 5.2.1. I-a)

Wing (CY,B)WB

Position K, (per deg)

High 1.57 -0.00380
Mid 1.0 -0.00242
Low 1.33 -0.00322

TheBe reBultB compare with experimental yalueB of -0.004 per deg, -0.0024 per deg, and -0.0034 per deg for the
high-. mid-, and low-wing configurations, respectively. obtained from reference 3.

B. TRANSONIC

The contribution of wing-body interference to the aide force derivative ia eaaentially independent of Mach number.
Furthennore. slender-body theory states that body force characteristics are not functions of Mach number.

DATCOM METHOD
The method presented in paragrsph A ia applicable throughout the lrlll1aonic Bpeed regime.

5.2.1.1-2



C. SUPERSONIC

The contribution of wing-oody interference to the side force derivative is essentially independent of Mach number.
Several of the theoretical methods that have been developed for estimating body force characteristics at supersonic
speeds are discussed in paragraph C of Section 4.2.1.1.

The experimental results of reference 6 indicate a negative lateral force increment due to wing camber at 8uper~

sonic speeds; however, no method is available to predict this effect.

DATCOM METHOD

The method presented in paragraph A is applicahle throughout the supersonic speed range. The body side force due
to sideslip is obtained by conversion of the body lift-curve slope of paragrapb C of Section 4.2.1.1.

A comparison of experimental data and values of wing-body side force due to sideslip at supersonic speeds calcu~

lated by the Datcom method is presented as table 5.2.1.1-B.

Sample Problem

Given: The midwing-ogive-cylinder lxxly configuration of reference 12.

d ~ 0.0625 n
r ~ 10°

Compute:

t N ~ 0.2188 n

M ~ 1.62, 2.62

lA ~ 0.4062 n Sw ~ 0.0506 sq n s" ~ O.oo:m sq t\

t N
fN ~ d ~ 3.5

LA
fA ~ d ~ 6.5

fA ~ 6.5 = 1.857
fN 3.5

.13", ~ ..62 ~~ ~ 1.Z75

At ~ •.•• ~ v'M' - 1 ~ 2.42

~ 1.Z75 ~ 0.364
3.5

2.42 ~ 0.691
3.5

[(Cvtts)", 1.8' ~ -2.78perred(baSedonsb)}
(figure 4.2.1.1-2Ia; (Cypls

[(CYp)s 1", •.•• ~ -3.06 per red (based on Sbl

K, ~ 1.0 (figure 5.2.1.1-7; mid-wing configuration)

(I'>Cyp)r ~ (-0.0001)(10) ~ -0.0010 per deg (equstion 5.1.1.1-b)
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Solution:

K, (Cy,8). (Body Refe~ce Area) t (6 CY,8)r

1.0 (C y ,8). /o.oo?lJ7) t (-0.0010)
\: 0.0506

0.06<Yl (Cy ,8). -0.0010

(equation 5.2.1.1-a)

(Cy ,8). (C y,8). O.06<Yl(Cy ,8). (Cy ,8)wa

M (per rad) (per deg) (per deg) (per deg)

1.62 -2.78 -0.0485 -0.00294 -0.00394
2.62 -3.06 -0.0534 -0.00324 -0.00424

These results compare with experiments! values of -0.0038 per degree and -0.0042 per degree at Mach numbers 1.62
and 2.62. respectively. ohtained from reference 12.
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TABLE 5.2.1.1-A

LOW SPEED WING-BODY SIDE FORCE DUE TO SIDESLIP

DATA SUMMARY

T -T 1 t:.Cy~.}oa

I
I ':\1 Cy .}O3 * (' \ • 103

Wing f' ~ KO t So Vn~, Sw f. <'AI<- .~ to'SI per deg
Rl'f \' r Position (d<>g) .1ft III (k 2 -k.)1 sqft sqft' sqft K, perdeg perdeg (Calc-Test)

I 11I1:l ',.00 Mod I 0 0.OU
1
064! 0.H20 !0.lli3,0.410 2.25 11.00 -2.1190' 2.20 i 0.1\

, 6.67 ; [ I O.HMO 10.162 ;0.400 I -2.200 ·2.21 I 0.01
! 1

10.00 1! I 10940 iO.lll" '0."02 ~ ·2.240 -2.20 j 001

. '1!-~:~~ ~----- _.I. i l~:~~~:~il~~ -- __ ~:~~L e---t~~ .. _--=-i~__
2 ,n.17 12.0 I lIogh I 0 :0.40,0.090! 0.!105 0.11010.4644.00 1.57 -1.445 -2.00 0.555

! , I Mid I i I I I· I 11.00 -0.920 -1.20. 0.2H
! ,Lo>w Ii:. :. I.~:l, -1.220 -1.60' 0.3H
, : 9.001"lgh I! I O.!l'lo O.I9H 1°."00 1..)71 -2.510 -3.00 0.49, I Mid I I ! I I' I 1.00, -I."~ -2.00 0.40 I
I' Low : I I ,1.33 I -2.12.) -2.00 ·0.125

I 6.00 i .lIigh ,: 0.H60 0.440 !1I74 [1.57 I -5.IHO .-5.60 0.42

, ! , I I ~~~ I! ! I I' I ::~ I :~:: :;::~ -~:~ j
I ;Or6r-~:~h '-I.rr!liY 1i)'r~or'tlirT- E~r:~:~~~-- ':;: -~:24 :

i '.1::r!'If1ltf,! irf'l:l;jf"¥""~~~~l ~il!~-~ .
--

.IHO 0.79M 4.014 I. -0.07
I III -0.07

i _1:.:... ::o_·0_110.4u5 I -----HJ _ :0'1
5

. o·r o·ro2'F , ._.1 _-I.r _ ~::~ __ -009 1
f t 'ioi:ri'to:J ~ -+ ~-~O~.:O..:-
rI~]~:;~t{;±-t::t '~~'~:~illibI~~:Jill: ~:~: ;:;~ ::~::t-:~:~~::~~:~ ~
*Test re~ult at a" 0

116Cy~ I
Average Error = --n--- =0.217.10- 3 (per deg)
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13 2.01 f1igh
Mid

l_
Low
Mid
I

TABLE 5.2.I.I-B

SUPERSONIC WING-BODY SIDE FORCE DUE TO SIDESLIP

DATA SUMMARY

5.2.1.1~

·Tesl result at a", O.
.L It>C y I

Averaee Error. "- /3 ;:: O.Z75 _10- 3 (per deB)
n
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5.2.1.2 WING-BODY SIDE-FORCE COEFFICIENT
Cy AT ANGLE OF ATTACK

The wing-body side force developed at combined angles is nonlinear with respect to both sideslip and angle of
aUack due to viscous cross-flow effects and cross-eoupling of upwash and sidewash velocities. To obtain the side
slip derivative CY/l

WB
it is recommended that C Ywn be calculated at several angles of attack for a small side

slip angle (/3.:c 4°). Then at each angle of attack the side force is assumed linear with sideslip for small values
of .< so that

A. SUBSONIC

No method is presently available for detennining the viscous cross-flow effects and cross-eoupling of upwash and
sidewash velocities at angles of attack and subsonic speeds.

The method presented herein is restricted to first-<>rder approximations at relatively low angles of attack.

DATCOM METHOD

It IS recommended that the method of paragraph A of Section 5.2.1. I be used In the linear-lift

angle-of-attack region.

B. TRANSONIC

The comments of paragraph A for the subsonic case also apply to wing-body combinations at combined angles and
transonic speeds.

DATCOM METHOD

It is recommended that the method of paragraph B of Section 5.2.1.1 be jlsed in the linear-lift

angle-of-attack region.

C. SUPERSONIC

Although higher order slender-body solutions which account for cross-eoupling of upwash and sidewash velocities
at supersonic speeds are presently unavailable, an approximate method is developed in reference 1 which accounts
for the effects of angle of attsck on wing-body interference.

Two types of interference forces are considered significant at combined sideslip and angle of attack. One effect is
due to the influence of the forebody on cross flow. The resulting asymmetric wing loading causes interference pres
sures on the sides of the body that increase the body side force. The other effect is produced by the wing inhibiting
the viscous cross flow occuring along the body at large angles of attack. This phenomenon is termed "viscous cross
flow suppression" in that it reduces the body side force. No attempt is made to estimate the magnitude of wing
sweepback effects on wing-body interference and the effect of body vortices on wing-body interference is considered
negligible.

DATCOM METHOD

The method presented in this Section for estimating the wing-body side-force coefficient is that of reference 1. The
determination of the body-alone contribution is adapted from the method of reference 2 which is discussed in Sec
tion 4.2.1.2. For combined angles the method is valid only for circular bodies. In addition reference 1 specifies that
the wing leading edge be supersonic. Bnt fair accuracy is obtsined for configurations with subsonic leading edges
when the aspect ratio is not too low. The wing-alone contribution to side force is usually very small and is there
fore neglected.

5.2.1.2-1



Reference 1 gives two expressions for wing-body interference effects, one for midwing 8Ild one for tangent-wing
configuration~, The forebody cross-flow effect is zero for the rnidwing case since the wing plane then coincides
with a body-alone cross-flow streamline and no change in cross flow takes place. Therefore. the midwing case is
basl>d on the premIse that the sole effect. of the wing 1S to inhibit the nonlinear effects of the viscous body cross
flow.

The wing-body contributIOn to the side-force coefficient at combined sideslip and angle of attack is given by

where C
YB

IS the body-alone side-force contribution given hy

Sit 2 SBS ~ I

CYlj Sw Cdc Sw a

5.2.1.2-a

5.2.1.2-b

Sn

Sw
(j

a'

is the ratio of the body frontal area to the total wing area

is the sideslip angle in radians

IS the cross-flow drag coefficient, obtained from figure 4.2.1.2-23bl, with Mc = M~ain d

IS the ratio of the body side area to the total wing area

IS the 8Ilgle of inclination, d = va2 + (32, in radi8lls

CYW(B)

is the side-force contribution of the wing due to the presence of the body, given by

SB (3 Cdc c,. d (3 ,-27)B KW(B) k(a) - - «(3 - a)
Sw Sw

5.2.1.2-c

where the first term on the right-hand side is the forebody cross-flow effect and is taken as zero for the midwing
case, and the second term on the right-hand side is 811 approximate effect of the wing inhibiting the viscous cross
flow occuring along the body at large angles of attack.

7)B is the Mach number correction to the wing-body interference coefficient, from figure 5.2.1.2-7

KW(B) is the wing-body interference coefficient, or apparent-mass ratio, from figure 5.3.1.1-2500. For
wing positions other th8ll midwing (KW(B) = Ol or tangent, a nonlinear interpolation is described in
Method 3, paragraph A, Section 5.3.1.1.

k(a) is the angllHlf-attack correction to the wing-body interference coefficient. Values of this param
eter for high- and low-tangent wings are presented in figure 5.2.1.2-8. For wing positions other
than midwing (k(a) = Q) or tangent, a nonlinear interpolation is described in Method 3, paragraph
A, Section 5.3.1.1.

d is the average body diameter at the exposed wing root

c,. is the exposed root chord of the wing

Values for the incremental coefficient resulting from the addition of wings in the mid- and high- 8Ild low-tangent
positions on circular bodies, calculated using equation 5.2.1.2-c, are compared with experimental results in figure
5.2.1.2-5.

The incremental coefficient resulting from the addition of a wing in the midbody position is presented in figure
5.2.1.2-58. The Dsteom method does not account for additional differential load on the body resulting from unequal
panel loading occuring with yawed sweptback wings. This neglected effect, in conjunction with the approximate
account of viscous cross-flow suppression may account for the lack of better agreement between e"ll"rilllEl1tal and
calculsted results at higher angles of attack.
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The incremental coeffieicnt resulting from the addition of sweptback wings in the high- and low-tangent positions
on a body are presented in figure 5.2.1.2-5b through -5d. The agreement between experimental and calculated values
is surprisingly good in view of the fact that the angle-of-attack correction to the wing-body interference coefficient,
k(a), applies strictly to unswept twlHlimens.ional wings. The additional differential load on the body occuring with
yawed sweptback wings tends to compensate for the reduction in k(a) resulting from wing sweepback.

Sample Problem

Given: The wmg-body configuration of reference 3. Find the side-force coefficient developed by the wing-body
combination at a -::: 12° and f3 :c 4°.

High-tangent wing

Ogive-cylinder body

, V

Wing Characteristics

Sw ~ 144.0 sq in.

Body Cbaracteristics

d = 3.33 in.

bw = 24.0 sq in.

Sa = 8.70 sq in.

ere ::: 8.90 in.

Sas 110.0 sq in.

M~ = 2.01

Additional Characteristics

a = 12° = 0.209 rad 13 = 4° = 0.070 rad

(equation 5.2.1.2-b)

a' = ,;a' + 13' =12.65 deg =0.221 rad

Compute:

Body-along contribution

Me = M~sin a' = 2.01 sin 12.56° = 0.440

Cdc = 1.30 (figure 4.2.1.2-23b)

Sa!3 Sas 13 '- -2 - cdc - a
Sw Sw

- 8.70 (2) <0.070> - n.:X» 110.0 <0.070> <0.221)
144.0 144.0

= - 0.0238 (based on Sw)

Wing interference contribution

v'M' - 1 ...!l = v'(2.01)2 - 1 (3.33 ) = 0.651
c,. 8.90

1)a = 0.81 (figure 5.2.1.2-7)
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h.'MII!

:UJ
~lO

1.~2 (fi!(Ure ~.3.1.1-2500l

c '.
rI

H.BO
:l.:n

267

k'" 2 27 (figures ,1.2.1.2-8d, .5.2.1.2-He, and 5.2.1.2-8f by ir.terpolationl

(' Ywrl\1

d
.II!J - a') lequation 5.2.1.2-c)

Solution:

-2(081) (1.22) 12.27) 8.70 <0.070)
144.0

-11.0162 (based on Sw)

11.30) (8.901 (3.33) <0.70) <0.070 - 0.221>
144.0

(equation 5.2.1.2-al

- -11.0238 - 0.0162

-0.0400 (based on Swl

This compares with an experimental value (based on Swl of C YWB ~ - 0.0480 from reference 3.

A comparison between calculated and experimental results for this cop-figuration at sideslip angles of 2, 4, and H
degrees and over an angle-<lf-attack range to 16 degrees is presented in figure 5.2.1.2-B.
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Revised June 1969

5.2.2 WING-BOny SIDESLIP DERIVATIVE CI~

5.2.2.1 WING·BODY SIDESLIP DERIVATIVE CI~ IN THE
LINEAR ANGLE·OF·AITACK RANGE

A. SUBSONIC

The addition of a body to a wing in sideslip is shown experimentally to change the wing rolling moment in
two ways. First, there is the well known change in effective dihedral as a function of wing height on the
body. This occurs because the cross flow around the body induces change. in the local angle of attack of
tho wing (see sketch (a». The resulting charige in lift distribution has a significant influence on C!I~. The
simplified expression presented in the Datcom for determining the body-induced effect on wing height is
based on a fuselage of circular cross section, and is presented in such sources as references I and 2. The sign
of the value of this effect is dependent upon whether the wing is located above or below the center line of
the fuselage. A high location of the wing results in more positive effective dihedral and a low location
results in less positive effective dihedral than a midwing location.

SKETCH (a)

For wings with geometric dihedral, the body-induced effect on wing height must be modified, since the
vertical position of the wing relative to the fuselage varies along the span (see sketch (b». The method
presented in the Datcom to account for this modification is taken from reference 3. The method is
applicable only for wings with dihedral that intersect the vertical plane of symmetry of a body of
circular cross section at or near the midfuselage height. In reference 3 the wing with dihedral is replaced
with a wing "ithout dihedral at some effective height relative to the fuselage, and the fuselage flow
effect for the equivalent wing is then evaluated. The vertical position of the equivalent wing was taken

to coincide with the wing with dihedral at the spanwise position equal to O.7d.

1_'--b ----1'1

ZQUIVALENT
WING

ACTUAL WING

SKETCH (b)

5.2.2.1-1



The second fuselage effect on roUing moment is a decrease in wing-body positive effective dihedral with
increasing fuselage length. This effect is discussed in reference 3, where it is suggested that this may be
the result of the fuselage reducing the wing effective sideslip angle (see sketch (c)) .

• ..

..

SKETCH (c)

In reference 3 an empirical study of limited scope shows that the fuselage effects may be correlated as a
1

function of the ratio of fuselage length ahead of the wing-tip half-ehord point and the wing span ~

A
More extensive studies indicate that the parameter is also important. There mav be additional

cos Ac/2 • .

parameters, such as the ratio of the body diameter to wing span and fuselage cross-sectional shape that
l r A

also exert an influence. The design chart presented herein is limited to the parameters - and ,
b cos Ac/2

and is based on experimental data from configurations employing fuselages of circular cross section.

The increments in Cl,p due to the body-induced effects on wing height and the effect of fuselage length
have been derived for configurations with fuselages of circular cross section. Not enough test data exist
to determine any effect the fuselage cross-sectional shape may have on the fuselage-length parameter. On
the other hand, both theory and experiment indicate that the body-induced effects on wing height are
strongly influenced by the cross-sectional shape of the fuselage.

It is suggested that for non-body-of-revolution configurations the equivalent diameter be used in
determining the increments in Clp due to the body-induced effects on wing height.

The subsonic method is valid for configurations with straight-tapered wings for sideslip angles between
-50 and +50 at speeds up to the force-break Mach number and at low angles of attack. The

5.2,2.1-2



fuselage-effect parameters do not include the effect of either nonuniform geometric dihedral or
non:straight-tapeced planforms.

DATCOM METHOD

The rolling moment due to sideslip, based on the product of the wing area and span Sb, for straight-tapered
wing-body combinations at low angles of attack is given by

where

(
ac I )

+ (aC I) + e tan 1\'/4 ~(per degree)
~ 'w e tan 1\'/4

is the wing-body lift coefficient.

5.2.2.I-a

r

is the wing-sweep contribution obtained from paragraph A of Section 5.1.2.1 (figure
5.1.2.1-27)

is the compressibility correction to the sweep contribution obtained from paragraph A of
Section 5.t.2.1 (figure 5.1.2.1-28a)

is the empirical fuselage-Iength-effect correction factor obtained from figure 5.2.2.1-26.

is the aspect ratio contribution obtained from paragraph A of Section 5.1.2.1 (figure

5.1.2.1-28b)

is the geometric dihedral angle in degrees, positive for the wing tip above the plane of the
root chord.

is the wing dihedral effect for uniform geometric dihedral obtained from paragraph A of
Section 5.1.2.1 (figure 5.1.2.1-29).

is the compressibility correction factor to the dihedral effect obtained from paragraph A
of Section 5.1.2.1 (figure 5.1.2.1-30&).

5.2.2.1-3



is the body-induced effect on wing height due to uniform geometric dihedral given by.

f:>.C I

-T- = -00005 ,fA (:y 5.2.2.I-b

where d/b is the average fuselage diameter at the wing root divided by the wing span. For
non-body-of-revolution configurations, the average equivalent diameter at the wing root

h Id b d h (d)
average cross-sectional area

s au e use . were . =
equw av 0.7854

is the increment in C/ p due to the body-induced effect on wing height for configurations
with wings located above or below the midfuselage height. This increment is given by

where

1.2 ,fA ( ZW) (2d \
57.3 b. bJ (per degree) 5.2.2.I-c

d

b

is the vertical distance from the center line of the fuselage to the quarter-chord
point of the root chord divided by the wing span, positive for the wing located
below the center line of the fuselage.

is defined under equation 5.2.2.I-b

8 tan Ac/4

8

is the wing-twist correction factor ohained from paragraph A of Section 5.1.2.1 (figure
5.1.2.1-30b).

is the wing twist between the root and tip sections in degrees, negative for washout
(see figure 5.1.2.l-30b).

For the case of a w,ng with dihedral mounted on a body at a location other than at or near the
midfuselage height, both the modification of the body-induced effect on wing height due to dihedral
(equation 5.2.2.I-b) and the body-induced effect on wing height (equation 5.2.2.100) should be
considered.

A comparison of test values with results calculated by using the Datcom method for wing-body
configurations without dihedral and with the wings mounted at the midufselage location is presented as
table 5.2.2.I-A. Comparisons of test values with results calculated by using the Datcom method for the
effects of dihedral and wing height are presented in tables 5.2.2.I-B and 5.2.2.1-e, respectively.

·Equation 5.2.2.1-b Is cs.ived by replaci,.. zw in equation 5.2.2.1-c with the expression for the height above the fu.aage canter line of an
equivaktnt ,wingate "ight corrnpondlngto the height of the .0.7d spanwi. statton of a wing with dih8drall.. sketch eb)).
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Test data are not available to permit substantiation of the effect of wing twist on the wing-body rolling
moment due to sideslip.

Sample Problem

I. Midwing, no dihedral, no twist

Given: The wing-body configuration of reference 8 designated 60-4-0.6-006.

A ; 4.0 A ; 0.6 lI.e/2 ; 59.080 b ; 36.0 in. If ; 49.58 ltl.

Zw ; 0 (midwing)

Body of revolution

Compute:

r ; 0 o ; 0 M ; 0.60

rcC/L~)\ ; -0.00723 per deg (figure 5.1.2.1-27)

A e/2

(CC/L~) -- -0.00180 per deg (figure 5.1.2.1-28b)

A

M cos lI.e/2 ; (0.60) cos 59.080 = 0.308

A/cos lI.e/2 = 4.0/cos 59.080 = 7.785

~ A = 1.02 (figure 5.1.2.1-28a)

lr/b = 49.58/36.0 = 1.377

Kr = 0.685 (figure 5.2.2.1-26)

Solution:

= C
L

[(-0.00723) (1.02) (0.68'5) + (-0.00180)]

= C1 [-0.00505 - 0.001801

5.2.2.1-5



= -0.00685 per deg

This rL'sult compares with a test value of ~0.0074 per degree from reference 8.

2. High wing, dihedral, no twist

Given. A wing-body configuration of reference 16.

'\ = 6,383 A = 1.0 b = 60.0 in. if = 15,7 in.

d = 6.70 in. (average over root chord) Zw = -2.66 in. (high wing)

r = 50

Compute:

0=0 M = 0.105 Body of revolution

( CClL~) -- a (figure 5.1.2.1-27)

A c/2

( CClL~) -- -0.0013 per deg

A

(figure 5.1.2.1-28b)

M cos "c/2 = (0105) (cosO) = 0.105

A/cos Ac/2 6,383/(cos 0) = 6.383

KM = 1.0 (figure 5.1.2.1-28a)
A

if/b = 15.7/60.0 = 0.262

Kf = 1.0 (figure 5.2.2.1-26)

Determine dihedral-effect parameters

Geometric dihedral

5.2.2.1-6

= -0.000224 per deg2 (figure 5.1.2.1-29)



Kid = 1.0 (figure 5.1.2.1-30a)
r

Body-induced effect on wing height due to dihedral

= -0.0005 "fA ~:)2

= -0.0005 ..; 6.383 (:;X
= -0.000016 per deg2

(equation 5.2.2.I-b)

Determine the effect of wing height

Zw/b = -2.66/60.0 = -0.0443

2d/b = 2(6.70)/60.0 = 0.223

I1C/ ~ = 1.2
5
'{; (~) (2:) (equation 5.2.2.1-(:)

'w

1.2 y'6.383= 57.3 (-0.0443) (0.233)

= -0.000547 per deg

Solution:

C/
~ [

C1 I1C/ J
r-~K +--~

r IIr r

+ I1C/ (equation 5.2.2.108)
~ OW

Midwing, no dihedral

= [(0) (1.0) (1.0) + (-0.0013»

= -0.0013 per deg
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Dihedral effect

AC I -,

+ --TJ = (5.0) [(-0.000224) (1.0) + (-0.000016)] -0.0012 per deg

This compares with a test value of -0.00115 per degree from reference 16.

Wing-height effect

(AC I~) z = -0.000547 per deg
w

This compares with a test value of --0.00053 per degree from reierence 16.

B. TRANSONIC

Test data show that the variation of wing-body rolling moment due to sideslip is similar to that of the
lift-curve slope. This correspondence should be expected, since C/~ has been treated by using effective
lift-curve slopes in reference 3.

The similarity in Mach number characteristics between rolling moment and lift-curve slope suggests a
transonic interpolation method, based on lift-curve slope, for calculating rolling moment. An interpola
tion equation is presented that is based on the square of the lift-curve-slope values at the force-break
Mach number Mfb and at M = 104.

Since no reliable method exists fOl predicting the variation of the wing-body lift-curve slope with Mach
number over the transonic speed range, wing-alone lift-curve slopes are used in the Datcom method. For
slender wing-body configurations, the aerodynamic interference effects are relatively insensitive to Mach
number, and the use of the wing-alone lift-curve-slope values in the interpolation method should give
satisfactory results. However, for nonslender configurations transonic interference effects can become
quite large and sensitive to minor changes in local contour. For th~se configurations the interpolation
method cannot be expected to provide satisfactory results unless wing-body test values of the li(t-curve
slope are used.

The method is limited to configurations with straight-tapered wings and is applicable over the
sideslip-angle range of Il = ±50.

DATCOM METHOD

The wing-body rolling moment due to sideslip of straight-tapered wing-body configurations, based on the
prOduct of the wing area and span Sb, may be approximated through the transonic region from Mfb to
M = 1.4 by means of the interpolation formula

5.2.2.1-8



\ (~t=14-(i )M
fu

= ( (CNa2)M=14 (CLa2)M
fu

(
M - M )

1.4 - M: +
(per degree)

5.2.2.1-<1

(c 2)
\ ~NQ M=1.4

is the wing-body sideslip-<lerivative slope at the force-break Mach number Mfu,
obtained by using the method of paragraph A. The force-break Mach number is
defined in paragraph B of Section 4.1.3.2.

is the wing-body sideslip-derivative slope M = 1.4, obtained by using the method of
paragraph C.

is the square of the wing-alone lift-curve slope at Mfb, obtained by using the method
of paragraph B of Section 4.1.3.2.

is the square of the wing-alone normal-foree-curve slope at M = 1.4, obtained by
using the straight-tapered-wing method of paragraph C of Section 4.1.3.2.

is the square of the wing-alone lift-curve slope at pre-<letermined Mach numbers,
obtained by using the methods of paragraphs Band C of Section 4.1.3.2. The pre
determined Mach numbers consist of those at the end points of the method
(M = Mfb and M = 1.4) and two intermediate Mach numbers defined in paragraph B
of Section 4.1.3.2 as Ma = Mfb + 0.007 and Mb = Mfb + 0.14.

I", iJlCTements in C/~ due to fuselage transverse flow and wing height may be approximated by
",.110"" 5.2.2.J-b and 5.2.2.1-e, respectively.

~q"alion 5.1.2.1-<1 for determining the effect of geometric dihedral at supersonic speeds is also
dp"licahlc at transonic speeds. However, no known method exists for determining transonic values
"I I '[ required for this method. It is suggested that reference be made to table 7-A for tran-

p .'''':1(' (Iv test data.

I! k,,! data are not available the supersonic method of paragraph C of Section 7.1.2.2 should be used to
;!pprl.)ximate C1p '
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Sample Problem

Given: A wing-body configuration of reference 6.

Wing Characteristics:

A = 2.0 A = 0

b = 34.0 in. Sw = 578.0 sq in.

NACA 0005-63 airfoil 0 = 0

Body of revolution

Body Characteristics:

d = 6.12 in. If = 55.12 in.

Additional Characteristics:

K = 1.0 (assumed) Mfb ..;; M";; 1.4

Zw = 0 (midwing)

r = 0 ~c = 0~5

Compute:

Determine Mfb' M., Mb , (CL ) ,(CL ) ,and (CL ) (paragraph B, Section 4.1.3.2).
/l' Mfb /l' M. /l' Mb

( Mfb) = 1.0 (figure 4.1.3.2- 53a)
A=oO

(Mfb),. = 1.0 (figure 4.1.3.2-53b)

= 2.0 [(0) + (1)1tl2 = 2.0
1.0

(figure 4.1.3.2-49)= I.30 per rad
A

[(CL/l')MfbJ = (1.30) (2) = 2.60 per rad
theory

S.2.2.1-10



(figure 4.1.3.2-54a)

(C) = (2.60) (1.08)
La M

fb

M. = Mfb + 0.07 = 1.07

= 2.81 per rad = 0.049 per deg

a
- =
c

-0.Q7 (figure 4.1.3.2-54b)

= [1 - (-0.07)] (2.81) = 3.00 per rad = 0.0524 per deg

Mb = Mfb + 0.14 = 1.14

b
- =
c

0.11 (figure 4.1.3.2-54c)

= (1 - ~\tC )
c!'\ La M

fb

= [1 - (0.11)] (2.86) = 2.55 per rad = 0.0444 per deg

Determine (CNa)M<1.4 (paragraph C, Section 4.1.3.2)

f3 = .jM2 - I = 0.98

f3/tan Au = 0.98/tan 63.40 = 0.491

= 1.31 per rad (figure 4.1.3.2-63)
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(c) = (1.31)(2) = 2.62perrad
No. theory

IlYl = 1.37 (figure 2.2.1-8)

1.0 (figure 4.1.3.2-60)

(c) = (1.0) (2.62) =
\ N" M=1.4

( CCIL~) = -0.0035 per deg

A e/2

2.62 per rad = 0.0457 per deg

(figure 5.1.2.1-27)

( CI~) = -0.0022 per deg (figure 5.1.2.1-28b)
C,. A

Mil> cos /\c/2 = (1.0) (cos 45 0 ) = 0.7071

A

cos /\c/4

2
= = 2.83

0.7071

5.2.2.1-12

K
M

= 1.015 (figure 5.1.2.1-28a)
A

Rr/b = 55.12/34.0 = 1.62

Kr = 1.0 (figure 5.2.2.1-26)



= [(-0.0035) (1.015) (1.0) + (-0.0022))

= -0.00575 per deg

(::}M
O

I.4

(::tl.4 =

[
M

2COSA2 ALE + (tan
4
ALE )4/3J

(equation 5.2.2.1-e)

2.62
= -0.061 57.3 (

63.4/57.3) (tan 63.4
0

)[1+011+ •
2 0.98

= -0.061 (0.0457)[ 1](1 + 0.5532) (2.038)[0.1965 + (0.3965)]

= -0.00523 per deg

Solution:

=

\ r<-0.00523) (-0.00575)J ( M - 1.0)
= ) [ (0.0457)2 - (0.049)2 1.4 - 1.0 +

(equation 5.2.2.1-<1)

(-0.00575) l Ie 2)
(0.049)2 I \ La M
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(~I:1,'1.07 1 C·07
- 1.0) ! 2= [-0.100) -2.309 (0.0524)

0.4

= \ [-0.1001 (0.175) -2.309 \ (0.002745)

= -0.00639 per deg

(~)Mb= 1.14

(~JMb=1.14 1 C· 14
-1.0) ! 2= [-0.1001 0.4 -2.309 (0.0444)

= 1[-0.1001 (0.350) -2.309 \ (0.00197)

= -0.00462 per deg

The calculated results are compared with test values in sketch (d). Additional points have been calculated
at M = 0.6, 0.9, and 1.7.

2.01.6

MACH NUMBER
.8 1.2.4o

I

I

0 Test points
I I

• 1-- Calculated

..,..

~
V

:> ("0

I'

o

-.004

-.002

-.006

-.008
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C. SUPERSONIC

The present status of supersonic rolling-moment theory is discussed in paragraph C of Section 5.1.2.1.
As indicated therein, insufficient experimental data exist at the present time to distinguish between the
supersonic rolling moments for wing-alone and for wing-body configurations where the wing is mounted
on the fuselage center line. Therefore, for configurations with the wing mounted on the fuselage center
line the supersonic wing-alone method of paragraph C is employed.

Experimental data indicate that for wings located at positions other than on the fuselage center line
there is a considerable variation in effective dihedral with wing height on the body. Furthermore. the
effect of geometric dihedral on the body-induced effect due to wing height, discussed in paragraph A,
must also be considered at supersonic speeds. No methods have been developed to account for the
body-induced effects on wing height at supersonic speeds. The subsonic methods of paragraph A
(equations 5.2.2.I-b and 5.2.2.1-<:) are applied at supersonic speeds.

DATCOM METHOD

The supersonic rolling moment due to sideslip for wing-body configurations with straight-tapered wings at
low angles of attack and at M = 1.4 and higher speeds is approximated by

CNa [ ( ALE) (tan ALE) [M2cOS2 ALE (tan ALE)'I!JC/ = -0.061 CN -- I +X(l +J\LE)] 1+- +
~ 57.3 2 Il A 4

+ r ~:~ + D.C:~] + D.C/~ OW (per degree) 5.2.2.1 ...

where

is the wing leading-edge sweep in radians.

is the wing normal-force-eurve slope per radian. obtained by using the straight-tapered
wing method of paragraph C of Section 4.1.3.2.

C/
-~
r

r

is the wing dihedral effect for uniform geometric dihedral, calculated by using equation
5.1.2.1-<1 with C/p (per radian) obtained by using the method of paragraph C of
Section 7.1.2.2.

is the body-induced effect on wing height due to uniform geometric dihedral obtained by
using equation 5.2.2. I-b.

is the increment in C/~ due to the body-induced effect on wing height for configurations
with wings located above or below the fuselage center line. obtained by using equation
5.2.2.1-c.
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A comparison of test values with results calculated by using the Datcom method for wing-body
configurations without dihedral and with wings mounted at the midfuselage location is presented as
table S.2.2.I-D. A comparison of test values with results calculated by using the Datcom method for the
effects of dihedral is presented as table S.2.2.I-E.

It is difficult to assess the validity of the Datcom method for establishing the value of C/~/CL' even at
small lift coefficients. Test data show that for many configurations the variation of C/~ with CL at
supersonic speeds is nonlinear throughout the lift-eoefficient range. Some of the test values listed in
table S.2.2.1-D are questionable, and those configurations for which no test values are listed exhibit
nonlinear rolling moment due to sideslip throughout the lift-eoefficient range.

Although the data of table S.2.2.I-E are limited, it appears that the method provides relatively good
results for the effect of dihedral on C/# at supersonic speeds.

Not enough experimental data are available to assess the validity of equation S.2.2.I-c applied at
supersonic speeds for determining the effect of wing vertical location. Equation S.2.2.1-e has been
applied to the configurations of references 19 and 20; the results of these calculations are compared
with test values in table 5.2.2.I-F. The calculated values are somewhat less than the test values in all
cases.

Sample Problem

Given: The wing-body configuration of reference 19.

Wing Characteristics:

A = 4.0 A = 0.2 l\e/2 = 42.50

b = 24.0 in.

Body Characteristics:

Zw = 0 (midwillg) NASA 6SA004 airfoil

d = 3.33 in.

Additional Characteristics:

dlb 0.139 Body of revolution

M = 2.01; /l = 1.74

Midwing, no dihedral

Compute:

CN = 2.235 per rad (test value)
a<

49.4
+-- = 1.862

57.3

[I + A(l + ALE)] = [I + 0.2 (1.862») = 1.372

5.2.2.1-16
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(tan hLE/~) = tan 49.4°/1.74 = 0.6705

Solution:

CN
= -0.061 --!!. [I + >-(1 + ALE»)

57.3

(equation 5.2.2.1-e with r = o. Zw = 0)

2.235
= -0.061 -- [1.372)(1.431) (0.6705)[0.621)

57.3

= -0.00195 per deg

This compares with a test value of -0.0019 per degree from reference 19.

Dihedral effect

Compute:

~A = (1.74) (4.0) = 6.96

A tan h e/2 = (4.0) (tan 42.5°) = 3.67

C/
P theory

A
= -0.0665 per rad (1lgIIre 7.1.2.2-38, interpolated)

~Yl = 0.80 (figure 2.2.1-8)

= tan- 1 0.80

5.85
= 7.8°

C/
p

,-,----- = 0.918

(C I P)'heory
(figure 7.1.2.2-4()

(equation 7.1.2.2-d)

= [-0.06651 (4.0) (0.918) = -0.244 per rad
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c '.
r

2---
(57.3)2

(equation 5.l.2.I-d)

2 (1.4)= -- - (-0.244) =
(57.3)2 1.6

-0.000130 per deg2

(
d 2

-0.0005 .jA b) (equation 5.2.2.I-b)

Solution:

(
333)2

= -0.0010.j4.0 ;4

= -0.0000193 per deg2

(dihedral effect term of equation 5.2.2.100)

3.0 [-0.000130 + (-0.0000193)1 = -0.000448 per .deg

This compares with a test value of -0.00046 per degree from reference 19.
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TABLE 5.2.2.1·A

SUBSONIC WING-BODY ROLLING MOMENT DUE TO SIDESLIP

Midwing Configurations
No Dihedral

DATA SUMMARY

~'p) I
C, IC l C,/C l

Ac/2
t , P P Cl •- Calc. Toot Calc.·Test Percent

Ref. A , ldogl b M I..... dog) (per dog) (per dogl e"",

4 2.0 0.6 58.1. 0.962 0.13 -0.0102 --0.0092 --0.0010 10.9

I 4.0 I 59.1 0.680 I -0.0083 -0.0089 0.0006 - 6.1

6.0 59.4 0.556 -0.0079 --0.0083 0.0004 - 4.8
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TABLE 622 1·A (CON TO)...

I,
C/IC L C/IC L

{/~
~ ~ L •I\c/2 - Calc. Toot Calc.-Test Percent

Ae'. A , ldogl b M Iperd..1 Iperd..1 lper dog) Error

6 '.0 0.6 0 0B33 0.60 --{).0018 -0.0016 --{).0002 12.5

I I 0.80 --{).0018 --{).0020 0.0002 -10.0

0.93 -0.0018 --{).0020 0.0002 -10.0

.3.2 0.60 --{).0056 -0.0063 -0.0003 6.7

1
0.80 --{).0059 -0.0051 -0.0002 3.6

0.93 --{).0061 -0.0060 -0.0001 1.7

6 2.0 0 '6.0 1.62 0.60 --{).0067 -0.0052 --{).0006 9.6

I ~ I I I 0.90 -0.0057 -0.0064 --{).0003 6.6

7 4.0 0.6 - 3.68 0.713 0.13 -0.00155 -0.0020 0.00045 -22.6

I I I 43.6 1.02 I -0.0064 -0.0062 -0.0002 3.8

8 4.0 0.6 0 0.897 0.60 -0.0018 -0.001' -0.0004 28.6

~ I 0.93 --{).0018 -0.00188 0.00008 - 4.3

30.0 1.06 0.60 --{).0043 --{).003ll -0.0004 10.3

I I 0.93 --{).0046 --{).0042 -0.0003 7.1

69.1 1.38 0.60 --{).0069 -0.0074 0.0006 - 6.8

I I 0.93 --{).0072 -0.0078 0.0006 - 1.7

9 4.0 0.3 40.9 1.19 0.60 -0.00457 -0.00344 -0.00113 32.8

10 4.0 0.3 40.9 1.19 0.80 -0.00467 --{).00606 0.00039 - 7.7

11 4.0 0.6 43.15 0.873 0.13 --{).00665 -0.00608 -0.00047 9.3

12 4.0 0 26,6 1.08 0.40 -0.0024 -0.0029 0.00060 -17.2

13 2.31 0 40.9 1.53 0.40 --{).0049 -0.0049 0 0

14 2.0 0.6 41.2 1.38 0.60 -0.0076 -0.0079 0.0003 - 3.8

j I I I 0.93 --{).0076 -0.0080 0.0004 - 5.0

6.0 0.6 43.8 1.02 0.60 --{).0046 -0.00604 0.00044 - 8.7

j I I I 0.93 --{).0062 -0.0064 0.0012 -18.8

16 4.0 0.3 40.9 1.151 0.40 --{).0044 -0.0047 0.0003 - 6.4

I I J I 0.80 -0.0047 --{).0062 0.0006 - 9.6

0.95 -0.0046 -0.0046 -0.0002 '.3

4.0 1.0 45.0 1.146 0.40 --{).0062 -0.0060 --{).0002 3.3

j 1 j 1
0.80 --{).0066 -0.0066 0.0001 - 1.5

0.95 -0.0067 -0.0068 0.0001 - 1.5

EI.I
Averago Error • -. 8.9%

n
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TABLE 6.2.2.1·0

EFFECT OF DIHEDRAL ON SUBSONIC ROLLING
MOMENT DUE TO SIDESLIP

a·o

DATA SUMMARY

r--.-----,--~.- -'-,---~'

Ref. A

Acl2
• (dog)

d

b
,~~l-M ("C/) r

Calc.
I.... dog)

"[C"C/p)rJ I
C.lc.·Test !
l.... dog) I

•
Percent
E"or

5

18

'.0

I
I.

8.38

0.6

1.0

o

'3.2

o

0.139

0.112

5.0

- 6.0

10.0

-10.0

10.0

-10.0

10.0

-10.0

5.0

- 5.0

10.0

-10.0

10.0

-10.0

10.0

-10.0

5.0

0.13

0.80

I
0.83

I
0.50

0.80

I
0.93

I
0.105

-0.00095

0.00095 I
-0.0019

0.0019

-0.0020

0.0020

-0.0021

0.0021

-0.Q0086

0.00086

-0.00173

0.00173

-0.0018

0.0018

-6.0019

0.0019

-6.0012

-0.00117

0.0010'

-0.0022

0.0022

-0.0025

0.0023

-6.0029

0.0026

-0.00097

0.00097

-6.00195

0.00187

-6.0021'

0.0019

-6.00235

0.002CM

-6.00115

0.00022

-0.00009

0.0003

-0.0003

0.0005

-0.0003

0.0007

-6.0005

0.00011

-0.00011

0.00022

-6.0001'

0.00030

-6.0001

0._

-6.0001'

-6.00005

-18.8

- 8.7

-13.6

-13.6

-20.0

-13.0

-25.0

-19.2

-11.3

-11.3

-11.3

_. 7.5

-15.9

- 5.3

-19.1

- 6.9

- '.3

>:lel
A~Error ---- 13.2%

n
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TABLE 62.2.t-C

EFFECT OF WING HEIGHT ON SUBSONIC
ROLLING MOMENT DUE TO SIDESLIP

a·o

DATA SUMMARY

1 I (ACt) (AC,p)'w A[(ACtp)'w] i,

I
P'w •

"c/2
d 'w- - Calc. T'" Calc.-Test 1 Percent

Aaf. A
I

, Id..1 b b M (per degl (per degl (per deg) I Error

,
,

17 3.0 a 33.6 0.144 -0.0501 0.25 -0.00052 -0.0005 -0.00002 I 4.0

I
j j I I I I I

aBO -0.00052 -0.0006 0.00008 I -13.3

I,
I0.90 -0.00052 -0.00066 0.00014
I

-21.2

lB 2.31 a 56.6 0.116 -0.0411 0.17 -0.0003 -0.00035 0.00005 I -14.3

0229 -0.0822 -0.0012 -0.0011 -0.0001 9.1

I 0.0822 0.0012 0.00095 I 0.00025 26.3

0.153 -0.0548 -0.00053 -0.00045 -0.00008 17.8

I 0.0548

\

0.00053 I 0.00065 -0.00012 -18.5,
,

16 6.10 0.333 0 0.112- -0.0569 0.105 -0.000645 -0.00010 i 0.000055 - 7.9

I I I
,

0.0622
I

0.00072 0.00073 -0.00001 - 1.4

6.38 1.0 0.112- -O.062B I -0.00074 -0.00108 0.00034 -31.6

I 0.0664 0.00078 0.00070 0.00008 11.4

0.112 -0.0443 -0.000547 -0.00053 -0.000017 3.2

0.0496 0.00059 0.00064 -0.00005 - 7.8

6.10 0.333 -0.0315 -0.00044 -0.00062 0.00018 -29.0

i 0.0447 0.00052 0.00055 -0.00003 - 5.5

-9.4 -0.0382 -0.00044 -0.00055 0.00011 -20.0

I 0.0443 0.00051 0.00040 0.00011 27.5

.1.1
-Elliptical cross section. d - d . Average Error '" -. 15.0%

eqUIV
n
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TABLE 6.2.2.1.Q

SUPERSONIC WING-BOOY ROLLING MOMENT DUE TO SIDESLIP

MKtwing Configul1ltions
No Dihedral

DATA SUMMARY

* C/ tC l .. (C//Cl ) IC/ tC lp p •
ALE Calc. Test Calc.·Test ""con'

R.f. A , Id..1 M lpo'dog) (per degl l".d..1 Em"

_._-_._.,-~ -.------ I
- -_._- ---

I

49.4 2.01 ~.00161 ~.0019 0.00029 -15.3
1

19 4.0 0.2

20
: 3.0

\
0.26 30.97 1.41 ~.0023' ~.0023 ~.OOOOI 0.4 I

I I I I I
1

2.01 -0.0017 ~.00'9 0.0002 -10.5 I, I,

I
1

16 4.0 a 46.0 1.40 -0.00246 - -- - 1

j I i

I a 63.43
I

-0.00624 ~.00530 0.00006 - 1.1 i2.0 I
I j I

,

I
I

1.70 I ~.00394 ~.0040 0.00006 - 1.6 I

I
I

I I
21 3.0 0.2 60.71 1.62 ~.0030 ~.0030 a a ,

I I I jI 2.62 I ~.0022 -- -- -
I I

I

4.0 0.2 ! 49.4 '.62 ~.0024 - - --! I I I I
I i 2.62 -0.0017 -

I
-- -- I

I
II 3.0 0.2 62.9 1.62 -0.00495 - - --

I I I I 2.62 ~.00270 ~.00207 ~.00063 30.'
I

I 22 3.0 0.25 31.0 2.60 ~.00179 ~.00'2 ~.00069 49.2

I

j
2.86 ~.00'7 ~.00122 ~.00046 39.3I

1
I, 3.96 ~.00'64 ~.0014 ~.00024 '7.'

4.63 -0.00.63 ~.00144 ~.OOO19 13.2

1.313 0.15 73.0 1.60 ~.00883 ~.00631 ~.00062 6.3
,

II 2.16 ~.00709 -0.00690 ~.OOOI9 2.6I

I 2.50 -0.00676 -0.00562 -0.00014 2.5

I 2.86 ~.00494 -0._ ~.00030 6.5

1:1.'
*1'......1"" of eNa: were used In c:elculmlng C/,JCL. Averlige Error • --. 12.7%

n

..._--------
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TABLE 6.2.2.1-E

EFFECT OF DIHEDRAL ON SUPERSONIC ROLLING
MOMENT DUE TO SIDESLIP

Midwing Configurations
a-o

OATA SUMMA RY

(ACt~)r (ACt~)r A[(ACt~)rJ •
ALE d r Calc. T... Calc.-Test Percent

Ref. A • (dog) b (dog) M (per deg} (per degl (perdeg) Error

19 4.0 0.2 49.4 0.139 3.0 2.01 -0.00045 -'l.00046 0.0000' - 2.2

I j j j j - 3.0 j
0.00045 0.00046 ~.OOOO, - 2.2

21 3.0 0.2 50.71 0.150 - 5.0 1.62 0.00086 0.00091 -0.00005 - 5.6

-10.0 I 0.00173 0.0015 0.00023 '5.3

- 5.0 2.62 0.00059 0.0006 ~.OOOO, - 1.7

-'0.0 I 0.00119 0.00116 0.00003 2.6

4.0 0.2 49.4 0.139 - 6.0 1.62 0.00092 0.0009 0.00002 2.2

I I -10.0 I 0.00185 0.0016 0.00025 15.6

I - 5.0 2.62 0.00060 0.00055 0.00005 9.1

-10.0 I 0.00120 0.00105 0.000'5 '4.3

3.0 0.2 62.9 0.'60 -- 5.0 1.62 0.0007' 0.00085 ~.00014 -'6.5

-10.0 I 0.00143 0.00'8 ~.00037 -20.6

- 5.0 2.62 0.0006' 0.0008 0.00001 1.7

-10.0 I 0.00123 0.00" 0.00013 11.8

22 3.0 0.25 31.0 0.148 3.0 2.50 -0.00035 ~.00041 0.00006 -14.8

I I j I 3.0 2.86 ~.000327 ~.00036 0.000033 - 9.2

3.0 4.63 -0.00018 -0.00019 0.00001 -- 5.3

! 1.313 0.16 73.0 0.233 3.0 1.80 -0.00027 -0.00025 ~.00002 8.0

II - 3.0 0.00027 0.00023 I 0.00004 17.4

I 3.0 2.16 ~.000282 -0.00026 ~.000022 8.5;

!I - 3.0 I 0.000282 0.00030 ~.000018 - 6.0
I

3.0 2.60 -0.000273 -0.00022 -0.0CJ0a53 24.1

I 1
I-- 3.0 0.000273 0.00025 0.000023 9.2,

i,

I
3.0 2.86 -0.00024 -0.00019

,
~.00005 26.3

- 3.0 I 0.0002' 0.00024 -0.00003 -12.6

£1.1
Average error • - - 10.5%

n
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TABLE 5.2.2.1-F

EFFECT OF WING HEIGHT ON SUPERSONIC ROLLING

MOMENT DUE TO SIDESLIP

a-o
DATA SUMMARY

- - - - .- . - ..- - -

i~")~le;;.l..
dALE - 'vi Calc. T.t

R.f, A , Ideo) b b M I.... dog) I.... dog)
--- ----- _.

19 4.0 0.2 49.4 0.139 -0.588 2.01 -O.OOOB8 -0.00103

I I I I I 0.588 I 0.0006Il 0.00103,
20 3.0 0.25 30.91 0.139 -0.588 1.41 -0.00059 I -0.00110

! i
0.588 0.00059 0.00120

-0.588 2.01 -1l00059 -0.00085

0.588 I 0.00059 0.00080
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5.2.3 WING-BODY SIDESUP DERIVATIVE c.,

5.2.3.1 WING·BODY SIDESUP DERIVATIVE Cn , IN THE
UNEAR ANGLE-OF·ATIACK RANGE

The wing·body yawing moment due to sideslip can be considered as lhe sum of the yawing moments of
the body, the wing, and the wing-body interference. The wing contribution is important only at large
incidences and is deleted from the solution of wing-body yawing moment due to sideslip. The method
provided herein gives the total wing-body sideslip derivative Cn, as the sum of the body and wing-body
interference contributions.

The unstable directional stability contribution of the fuselage is dominant in this analysis, and since
slender-body theory predicts the body contribution to be essentiaUy independent of Mach number, the
method presented is considered to be valid for aU speeds.

Experimental investigations have shown that the wing-body interference contribution to the yawing
moment derivative is essentiaUy independent of sweep, taper ratio, and Mach number. Furthermore, the
evidence of references I, 2, and 3 is that the effect of wing vertical position on wing-body yawing
moment is smaU.

The maximum angle of applicability is limited to the linear-lift region. Above this angle-of-attack limi
tation' separation occurs and both the wing and wing-fuselage interference have an appreciable effect on
the wing-body sideslip derivative Cn, as a result of the changes in the magnitude and orientation of
the resultant force on the two wing semispans.

DATCOM METHOD

All Speeds

5.2.3.1-.(per degree)

The total wing-body sideslip derivative CD" hased on the product of total wing area and wing
span Sb,and referred to an arbitrary IIIOment center, is given by

S8
S 18

Sw b

where

is an empirical factor related to the sideslip derivative for body plus wing-body interfer
ence, obtained from figure 5.2.3.1 -8 as a function of the body geometry.

is an empirical Reynolds-number factor obtained from figure 5.2.3.1 ·9 as a function of
the fuselage Reynolds number.

is the projected side area of the body.

is the length of the body.
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A comparison of results calculated by using this method with test data is presented as table 5.2.3.I-A.

It should be noted that the upper limit of the fuselage Reynolds number of the test data is 49.2 million.
For configurations at higher full-scale Reynolds numbers the method is expected to give results that are
satisfactory for preliminary design.

Sample Problem

I. Given: The wing-body configuration of reference 12.

Body Characteristics:

w=OA16ft

Wing Characteristics:

Sw = 2.25 sq ft

So = 1.35 sq ft
s

hI = 0.315 ft

b = 3.0 ft

xm = 2.5 ft

h2 = 0.388 ft

h = 0.416 ft

Additional Characteristics:

M = 0.91

Compute:

2.5=- = 0.610
4.1

R1 = 3.87 x 106 per ft

1 2o (4.1)2
= -- = 12.45

1.35

= JO.315 =
0.388

0.902

h 0.416
-; = 0.416 = 1.00
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K
N

= 0.00105 per deg (figure 5.2.3.1-8)

= 1.567 (figure 5.2.3.1-9)

(equation 5.3.2.I-a)

= -(0.00105) (1.567)
1.35-2.25

4.1

3.0

= -0.00135 per deg (based on Sw b)

This compares with a test value of -0.00130 per degree from reference 12.
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TABLE 5.2.3.1·A

WING·BODY YAWING MOMENT DUE TO SIDESLIP

DATA SUMMARY .- All SPEEDS

R IB SB

~ Swb
(Cn~)WB (Cn~~B •

IN' xm
h K N Calc. T8$l PercentS - K

R1Ref M x 10-6 (ft) 1ft) 110 ft) h
2 w lper deg) lcu hi (per degl (per degl Error

4 0.13 3.69 1.93 4.0 1.76 1.006 1.0 0.0012 12.18 1.21 -0.00088 -0.00090 - 2.2

j I I ~ I 1.11 1.01 I 0.0012 I 1.21 -0.00090 -0.00090 0

5 0.13 2.32 1.25 2.5 0.833 1.0 1.0 0.00155 6.75 1.172 -0.00056 -0.00053 5.7

3.10 1.67 3.34 1.11 j 0.00145 1.232 -0.00099 -0.00090 10.0

4.64 2.5 5.0 1.67 0.00080 1.316 -0.00130 -0.00110 -23.5

3.10 1.67 3.34 1.30 1.141 0.0016 1.232 -0.00121 -0.00140 - 9.3

I I I 1.26 0.93 0.00113 1.232 -0.0010 -0.0010 0

6 0.13 3.09 1.67 3.33 1.111 1.0 1.0 0.00120 6.16 1.232 -0.00061 -0.00090 -10.0

7 0.13 3.46 2.00 3.75 1.43 1.02 1.0 0.00130 6.15 1.251 -0.0()129 -0.00133 - 3.0

2.12
j

0.00136 1.261 -0.00138 -0.00150 - 8.0

2.00 1.29 0.00115 1.267 -0.00104 -0.00150 -30.1

2.12
j

0.00130 1.251 -0.00111 -0.00145 -19.3

2.00 1.736 2.213 0.00190 1.261 -0.00230 -0.00260 -11.5

I
,

2.12 I 0.00210 1.261 -0.00255 -0.00270 - 5.6

8 0.13 48.2 23.91 56.16 181.33 1.0 1.0 0.00045 1812.5 1.80 -0.00106 -0.00120 -11.1

1 0.17 5.27 2.25 4.5 1.29 1.02 1.0 0.00095 12.18 1.343 -0.00060 -0.00060 0

1 1 1 1 1
1.16

1 1
0.00110

1
1.343 -0.00095 -0.00095 0

2.57 0.00140 1.343 -0.00119 -o.cXJ200 -10.5

2 0.17 3.98 1.67 3.45 1.25 0.98 1.0 0.00105 6.16 1.263 -0.00086 -0.00090 - 4.4

9 0.17 5.35 2.25 4.5 1.63 1.0 1.0 0.00100 10.94 1.345 -0.00090 -0.00100 -10.0

10 0.17 9.20 3.97 7.38 3.75 0.946 1.0 0.00073 36.00 1.466 -0.00082 -0.00100 -18.0

11 020 10.8 72.0 152.9 1730.0 1.05 1.10 0.00085 434.337 1.48 -0.00011 -0.00086 - 9.4

12 020 21.2 83.08 163.0 2600.0 1.03 1.0 0.00131 547,866 1.625 -0.00165 -0.00190 - 2.6

1 1
32.0

1 1 1 1 I 1 1
1.11 -0.00195 -0.00110 14.1

46.0 1.19 -0.00204 -0.00181 9.1

13 0.25 9.74 3.30 6.0 2.44 0.86 1.0 0.00092 13.86 1.468 -0.00142 -0.00120 18.3

j j
8.80 I 5.42 2.11 0.83 I 0.00090 I 1.447 -0.00110 -0.00100 10.0

14 0.40 1.86 2.5 4.1 1.35 0.89 1.0 0.00106 6.76 1._ -0.00126 -0.00130 - 3.1
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TABL( 6.2.3.1-A (CONTOI

-

Ri fUI 18
58

~ h KN 5wb
(Cn~)WB (Cn~~B 0

Km 5
h

2
- KA

Calc. Toot Percent
Aof M .10-6 (ftl (It) (oq Itl w I.-dogl fcu ttl 1 I.-dogl I.-dog) E"",

15 0.50 11.4 2.5 4.1 1.35 0.89 1.0 0.00105 8.75 1.4118 -0.00129 -0.00'30 - O.B

I
0.70 14.42 0.00105 '.648 -0.00133 -0.00'30 2.3

O.BO 15.38 0.00105 1.568 -0.00134 -0.00130 3.1

l 0.91 15.87 0.00106 1.567 -0.00135 -0.00130 3.B

10.931'6.92 0.00105 1.667 -0.00135 -0.00'30 3.8 i,,
10.60 8.0 3.18 5.04 2.03 0.85

1
,

.
0

;
0.00110 I ".36 1.4271 -0.00140 -0.00130

iI 16 7.7

I j I I I j j I
,.483 1. 0.90 I 10.6 ' j 0.00110 -0.00'47 -0.00135 8.9

17 0.60 5.11 0.87 1.62 0.189 0.95 1.0 0.00110 0.26 1.336 -0.00168 -0.00110 62.7,

I I
I

II 0.94 6.38 0.001'0 1.380 -0.00174 -0.00'60 8.7

I
0.60 5.11 0.181 0.00098 1.336 -0.00144 -0.00150 - 4.0I 0.94 6.38 I t 0.0009 1.380 -0.00149 -0.00180 -'7.2

18 0.80 13.86 2.60 4.66 1.64 0.98 1.0 0.00110 6.76 1.637 -0.00188 -0.00170 10.6

I 0.92 16.63 I I j j I 0.00110 I 1.676 -0.00192 -0.00'80 6.7

16 1.4 7.61 2.266 3.78 1.07 0.87 1.0 0.00096 6.69 1.417 -0.00096 -0.00097 - 1.0

I 1.4 16.50 3.18 6.04 2.03 0.86 1.0 0.00110 11.36 1.673 -0.00156 -0.0:)130 20.0

1.7 20.00
j I j j I 0.00110 I 1.62 -0.00160 -0.00'40 14.3

20 1.41 9.12 1.66 3.05 0.7. 0.98 1.0 0.001 2.67 1.462 -0.00'23 -0.00115 6.9

j 2.01 7.62
j j I j I 0.001 j I 1.413 -0.00120 -0.00094 27.7

19 1.41 8.04 2.08 3.37 1.118 0.98 1.08 0.0016 6.10 I 1.37 -0.00152 -oJ)015O 1.3

J
1.61 6.76 I J I J j 0.0015 I 1.36 -0.00151 -0.00165 - 8.6

2.01 6.00 0.0016 1.331 -0.00148 -0.00160 - 7.5

20 1.41 9.11 1.73 3.04 0.738 0.97 1.0 0.00115 2.0 1.462 -0.00189 -O.OC)150 26.0

I 2.01 8.79
j j j j I 0.00116 I 1.447 -0.00188 -0.00170 10.6

21 1.61 7.64 1.68 2.69 0.820 1.04 1.0 0.00170 2.36 1.416 -0.00227 -0.00253 -10.J

22 1.82 2.69 0.39 0.626 0.032 0.97 1.0 0.00122 0.023 1.204 -0.00130 -0.00096 36.8

j
2.62 3.016

1 I I I 0.00122 0.020 1.228 -0.00152 -0.00145 4.8

j j 0.00122 j 1.228 -0.00152 -0.00152 0

J 0.00122 0.023 1.228 -0.00132 -0.00127 3.9

3 2.01 9.747 1.734 3.04 0.717 0.95 1.0 0.00'06 2.0 1.468 -0.00170 -0.00170 0

23 2.01 8.42 1.367 2.826 0.66 1.07 1.0 0.00130 1.07 1.437 -0.00297 -0.00346 -13.9

24 2.01 3.38 UO 2.74 0.71 1,(18 1.34 0.00150 1.26 1.26 -0.00298 -0.00296 2.4

26 2.01 9.75 1.73 3.04 0.738 0.88 1.0 0.00116 2.0 1.468 -0.00189 -0.00176 B.o
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TASLE &.2.3.1·A ICONTDI

R1fu• Is 5S ~ h KN 5wb
~n~WS (Cn~>WS •"m 5 - K

R1
c.lc. T" Pwcent

Rot M "10-8 lit) Iltl leq It) h2 w lperdogl lev Itl lper dOllI I""dog) Error

28 2.01 7.112 1.386 2.11I 0.3158 0.119 1.0 0.001&0 3.43 1.40 -0._ -o.OOB25 9.8

27 2.29 10.6 1.966 3.43 0.982 O.lMl6 1.0 0.00116 1.68 1.485 -0.002&5 -0.00273 - 6.6

I 2.98 I I I I I I I I -0.00290 - 6.9

3.96 -0.00262 - 2.7

4.66 -0.00275 - 7.3

EI.I
Ave... Error • - • 9.7%

n
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S8 = Body side area
s

w = Maximum body widthf E~_h_l_,:"_'G'_
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5.23.2 I'iI~G-BODY YAWI1';(;-MOMENT COEFFICIENT

c.;, AT ANGLE OF ATTACK

Th~ wing-body yawing moment developed at combined angles is nonlinear with respect to both sideslip and angle
of attack because of viscous cross-flow effects and cross-eoupling of upwash and sidewash velocities. To obtain
the sideslip derivative CnpWH it is recommended that en WB be calculated at several angles of attack for 8 small

sideslip angle (f3.s 4°). Then at each angle of aUack the yawing moment is assumed linear with sideslip for
small values of f3 so that

A. SUBSONIC

No method is presently available for detennining the wing-body yawing moment at large angles of attack and BUb

sonic speeds. The method presented herein is restricted to fifst-order approximations at relatively low angles of
attack.

DATCOM METHOD

It is reconunended that the method of Section 5.2.3.1 be used in the linear-lift angle-of-attack range.

B. TRANSONIC

No method is presently available for determining the wing-body yawing moment at large angles of attack and tran
sonic speeds. The method presented herein is restricted to firsl-order approximations at relatively low angles of
attack.

DATCOM METHOD

It ia recommended that the method of Section 5.2.3.1 be used in the linear-lift angle-of-attack range.

C. SUPERSONIC

The method for estimating the wing-body yawing-moment coefficienl CnWB is based on Ule theory involved in esti
mating CY"'B presented in Section 5.2.1.2. Therefore, the comments in that Section applying to the aerodynamics
of wing-body interference also apply to this Section but are nol repeated here.

To obtain the wing-body yawing-moment coefficient it is necessary to apply the appropriate moment ann to the side
Coree coefficient of Section 5.2.1.2. The center of pressure of the aerodynamic forces on the body at angle of attack
establishes one moment ann. No simple method is available for estimating the body-alone center of pressure. The
method suggested herein is necessarily tentative and will be updated a8 infonnation becomes available. Of course,
test values at the appropriate angle of attack are to be preferred. The position at which the wing~body interference
side force acts on the body establishes a second moment arm. In the method that Collows, this position is expressed
aa a flD1ction of the vertical location of the wing on the body and is based on the sssumption that both the presaure
and viscous force components of interference act at the same location.

The same limitationa apply to the estimation of the yawing moments aa to the eatimation of the side force: although
the wing leading edge ahould be supersonic, fsir results are obtained for aubsonic leading edges if the aapect ratio
is not too low. Furthermore, correlation of experimental and estimated values of the wing-body interference mommt
indicates that the Dstcom method is in actuality only warranted for cases in which the mid-point of the wing root
chord is substantially displaced from the moment reference point.
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DnCOM METHOD

Th(' ynwinat-mom('nl coefficient for wing-body combinations at supersonic speeds is given by the equation

C"." 0 CO'" .[ x", ~.a"l")] Cy ...., 5:2.3.2-a

is the body-alone contribution given by

5.2.3.2-1>

where

Xm is the distance from the body nose to the moment center

1. is the body length

Xc",. is the distance from the body nose to the body center ofpres8ure. meBsured in body lengths.

This parameter is approximated by xc.p . =~:

wh...e C. and CL are obtained liom paragraph C of Sections 4.2.2.2 and 4.2.1.2, respectively,
at n = n'. The pitching-flloment coefficient liom Section 4.2.2.2 is 'eferred to the body nose
(x. = 0).

bw is the winK span

Cy• i. the body-aJone .ide-force coefficient obtained liom Section 5.2.1.2

~YYl(B) is the side-lorce interference contribution obtained from Section 5.2.1.2

lY(B) is the distance from the body nose to the center of pressure of the wing-incbJced body side force

For midwing configurations

l W(B) = I n + 'her.

where

1. is the distance liom the body nose to the juncture of the wing leading edge and body

For tangent wing configurations

whEl'e

5.2.3.2...,

5.2,3.2-d

i. the distance to the cen"" of preeaure of the wing-induced body .ide force liom the juncture of
the wing leading edge and the body at the proper angle of attack

is the distance to the center of pressure of the winl-induced body side force from the juncture of
the wing leading edge and the body at zero angle of attack

is obtained liom rllUre 5.2.3.~

i. obtained liom figure 5.2.3.2-a
c••
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Values for the in(.T€mt.>tI:~!! coefficient resulting from the addition of wings in the mid and hiwb.· arod low.....'qurent
positions on circular bodie!:i, calculated using the second tenn on the right-hand side of equatton 5.2.3.2-a, are
compared with experimental results in ngure 5.2.3.2-5. This correlation is somewhat inconclusive in that for the
conventional wing locations oonsidered the centers of pressure of the wing.-body interference side forces ere
close to the moment reference point. The resulting small yawing moments are likely no larger than the yawing
moments of the wing alone which are neglected in the method. Furthermore, exact knowledge of the wing effects
on the body cross-now load distribution is precluded since the center of pressure of the body cross-now loading
is not accurately known.

Samp/. Pro6/.m

Given: ConfillUration or lJIe sample problem. paragraph C. Section 5.2.1.2. This confillUration is also tested in
reference 1 of this Section. Some of the characteristics are repeated. Find the yawing-moment coeft"icient
developed by the wing-body combination at a = 12° and f3 = 4°.

Characteristics

Is = 36.5 in.

bw = 24.0 in.

In = 15.62 in.

..... = 0.36 at a'

Xm = 20.81 in.

12.65° (test resultal M = 2.01

c••/d = 2.67

a' = 12.65°

Compute:

Body-alone yawing-moment coefficient ens

CVs = -0.0238 (based on Swl (sample problem. paragraph.C. Section 5.2.1.2)

Cns =[~ - ...] :: CVs

= <0.57 - O.36l 36.5 (- 0.0238)
24.0

= - 0.0076 (based on Swbwl

(equation 5.2.3.2-bl

(equation 5.2.3.2-<1)

Wing interference yawing·momer¢ coemcient

~ = 0.77 (fillUre 5.2.3.2-6)

yM' - 1 (...J!...) = Y(2.0U· - 11 3.33) =0.651
cr. 8.90

~ 0.90 (fillUre 5.2.3.2-a)
c••

d
n

• ~.[ ~~~W';:.ml
= 15.62 • 8.90 10.77) 10.90)

= 21.78

Cy"lBl = -0.0162 (based on Sw) (s_ple problem. par_h n. Section 5.2.1.2)
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SolutiM:

[ -].... - I"""Cns + b
w

CYVltB>

; -0.0016 • 20.81 - 21,78 (-0.0162)
24.0

; -0.00695 (based on Swbw)

(equation 5.2.3.2-8)

This compares with an experimental value (based. on Swbw) of C
nWB

= -0.0070 from reference 1.

A comparison between calculated and experimental results for this configuration at sidesllp angles of 2, 4. and
8 degrees and over an angle-of-attack range to 16 degrees is presented in figure 5.2.3.2-4.
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5.3 TAIL·BODY COMBINATIONS IN SIDESLIP

5.3.1 TAIL·BODY SIDESLIP DERIVATIVE Cy~

5.3.1.1 TAIL-BODY SIDESLIP DERIVATIVE Cy~ IN THE LINEAR ANGLE-OF-ATTACK RANGE

The contributions of panels present in the empennage to the vehicle sideslip derivative CYj3 are presented in this Sec
tion for speeds ranging from low subsonic to hypersonic. The methods presented include the mutual interference
effects of the wing, body, and the horizontal panels.

A. SUBSONIC

At subsonic speeds the vehicle body and horizontal tail affect the flow on the vertical tail in such a way as to in
crease the effectiveness of the vertical tail. This phenomenon, known as the 'end-plate effect,' is frequently repre
sented by an effective change in panel aspect ratio required to give the same lift effectiveness as the actual panel
in the presence of the other vehicle components. Interferences also exist between the vertical tail, the body, and
any forward lifting surface.

In the literature, these mutual interference effects are treated in various ways. In some cases, the wing-body wake
and sidewash effects are treated independently of the body and horizontal-tail end-plate effects. The British are
notable for this approach. In other cases, all the interference effects are lumped into a single vertical-tail effec
tiveneSB parameter. One of the methods presented herein uses this latter approach.

The effect of each of the vehicle components on the subsonic vertical-tail effectiveness is discussed in the folIo\\'
ing paragraphs.

Effect of Body eross Flow

A hody in sideslip exhibits a flow characteristic similar to a cylinder in cross flow. For potential flow the peak
local velocity occurs at the top of the cylinder and is equal to twice the free-stream cross-flow velocity. ActuRily,
separation exists on the leeward side, reducing the peak velocity from the potential-flow value. In either case,
the velocity decays to the free-stream cross-flow value with distance from the body surface. Thus, it is to be ex
pected that tail-body combinations with large bodies and small tails have a greater effectiveness per unit area
than combinations with large tails and small bodies. This trend is exhibited by test data. The vertical panel itself
causes a load carry.-over from the panel onto the body. This cany--over increases the effectiveness of the vertical
panel and is included in the methods presented.

Effect of Horizontal Surface

The presence of a horizontal panel in the vicinity of a vertical panel causes a change in the pressure loading of
the latter if the horizontal panel is at a height where the vertical plllel has an appreciable gradient, i.e., at a
relatively high or low position. Test data substantiate the greater effectiveness of horizontal panels in these
positions and the relative ineffectiveness of a horizontal panel at the midspan position on the vertical panel.

Effect of Wing-Body Wake and Sidewash

The effect of wing-body wake and sidewash on the effectiveness of the vertical panel is discussed in detail in
Section 5.4.1. This effect is implicitly included in only one of the methods presented herein (Method 3).

Several approaches to this problem have been taken in the literature. Reference 1 presents a method accounting
for the effects of body size relative to vertical-panel size, and dealing with horizontal-tail height ranging from
positions. on the body to the top of the vertical. This method appears to be the most accurate one available. It is
presented in this Section as Method 1.

Reference 2 contains a method which is also widely used. Included in this method is a chart for twin tails that is
presented in this section. The charts give the average lift~urve slope of the two panels. (The interferences and
hence the individual Iift..eurve slope of the Pllleis differ somewhat.)

A different approach is given in reference 3. This method is based on the assumption that the ratio of the
increment in side force due to the addition of a vertical panel to the side force developed by the panel alone
is the same as the ratio of the increment in apparent mass of the cross section at the base of the empennage
with panel added to the apparent mass of the panel alone. The development of the app'arent-mass concept is

5.3.1.1-1



given in many places in the literature, e.g., reference 4. The panel alone is taken to be the actual panel
renected about a renection plane. This assumption implies two-dimensional now and a slender
configuration with all surfaces of the empennage lying in the base plane of the configuration. It is shown in
reference 3, however, that good accuracy is obtained for nonslender configurations where the longitudinal
locations of the separate surfaces are not in the base plane. This method is limited to configurations in
which the horizontal surfaces are mounted on the body or configurations with no horizontal surface. The
charts for this method are also used for the supersonic method.

There are some additional effects that are not accounted for by these methods. For instance, dorsal fins
may cause a considerable error in the values obtained, although the effect of dorsal fins is more pronounced
at the higher angles of sideslip. The use of lift-curve slopes for double-delta wings may decrease this error. A
method for calculating the lift-curve slope of double-delta wings is presented in Section 4.1.3.2 under the
nonstraight-tapered-wing methods. Dihedral in the horizontal surfaces is known to change the pressure
loading on the vertical panel and hence its effectiveness. For rapidly converging bodies, now separation
frequently exists at the juncture of the vertical panel with the body. This effect generally decreases the
effectiveness of the vertical tail and is not accounted for by the methods included herein. Similar effects
can result when the maximum thickness of two orthogonal panels are made to coincide.

DATCOM METHODS
Method I

Vertical Panels on Plane of Symmetry

The contribution of the vertical panel to the sideslip derivative Cy~ is determined by the following steps
(reference I l.

Step I. The effective aspect ratio of the vertical panel is determined by means of the equation

A.rr ; (:~(B) (Aly {I+KH [(:~(HB) -I]} 5.3.I.I-a
y Y(B)

where
(AlY(B)

(Aly

is the ratio of the aspect ratio of the vertical panel in the presence of the body
to that of the isolated panel. This ratio is given in figure 5.3.1.1-22a as a
function of span-to-body·diameter ratio and tail taper ratio.

is.the geometric aspect ratio of the isolated panel with the span and area of the
panel measured to the body center line.

(AlY(HB)

(Aly

(AlY(HB)

(AlY(B) (AlyIB)

(Al
y

(Aly

is the ratio of the vertical~panel aspect ratio in the presence
of the horizontal tail and body to that of the panel in the
presence of the body alone. This ratio is given in figure
5.3.1.1-22b as a function of the horizontal and vertical
position of the horizontal tail on the vertical panel.

is a factor accounting for the relative size of the horizontal and vertical tails,
obtained from figure 5.3.1.1-22c.

are presentedThe wake and sidewash effects as represented by the parameter

The lift-curve slope of the vertical panel is determined from paragraph A of Section 4.1.3.2, with
the effective aspect ratio of the vertical panel determined from equation 5.3. I. I-a.

( au) qy
1+ - 

all q_

Step 2.

Step 3.

in Section 504.1 for the appropriate Mach number and vehicle geometry.
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:5tep 4. The IIlcwuelll in CV'i due to the vertical panel is given by the equation (based on wing areai

. /, aa)Q" S.
(!',C Y,1)v(WUlO -k(CLa)v ~ + a{3 Q"" SW 5.3.1.1-b

where (CLa)v is obtained from Step 2

(
I + aa\Qv is obtained from Step 3

a;iJQ~

k is an empirical factor obtained from figure 5.3.1.1-22d

S.
Sw

is the ratio of the vertical panel area (measured to the body centerline) to the total
wing area

This method is substantiated by test data in table 5.3.1.1-8.

Method 2

Twin Vertical Panels

The contribution of twin vertical panels mounted on the tips of a horizontal tailor wing is given by the following
steps. This method (from refCfC'llCC 2) includes the effects of the wing-body wake and sidt·wash.

Step 1. Determine the ratio of tile effective to actual aspect ratio. Af'ff. from figure ;l.:3.1. 1·24a as a function
of the gl.'omctric variable shown. A

Step 2. Determine the lift-curve slope of the equivalent rectangular verticaillanci <CY,n)'",r from figure !l.:l.I. 1-:!·1b;
usc the effective aspect ratio found in Slcp 1 Wld the total trailing-edgc angle of the airfoil section.

St('p:1. The increment ill vchide sideslip derivative CY/i due to the twin panels (hascd on total wing area) is
gi\'CI1 by the equation

(CYff .....('A'HIO ~ 2S"
(6Cy,,,),,(WJuo = - (Cy,8)Ycrt -~ :1.:1.1.1-<:

(CyfheH S.....

(Cy,8) V","'HH)
where is obtained. from figure 5.3.1.1~24c for the appropriate geometry shown

(CY,8herr

(eyfl)v err

S,-

is obtained from Step 2 above

is the area of a single vertical panel

There' lIrl' not sufficient data cxifttin.: to substantiate the accuracy of this method, although reference 2 indicates
that the method is accurate to within ~ 10 percent.

Met.hod :J

A third w:'ncru.l method iH based on the \I,'Ork in reference 3. This method is limited to configurations in which the
hori7.ontal tail is mounted on the 1x.Idy or configurations with no horizontal tail. It is discussed in the introduction
to thiA Section. The charts of this method are also used in the supersonic method of paragraph C.

Thc lnlothnd a8 presented for the- \·ertical panel estimates the increment in CY1 due to the addition of onc panel in
Lhe <"'IUI.M.'nnagc Wid includcs the t'fTects of all existing panels on the adcled p:u.el. An extension of the method to
detcnnin{' the total empennage side force due to sideslip at subsonic speeds which results from the addition of all
plIIlel. present in !be ...pennage is pre....ted in PlII1Illfaph A or Section 5.6.1.1.
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Contribution of Vertical Panel

The side force-cu.rve slope (based on total wing area) of 8. vertical plWlel added to an em~nnage is given by the
equation

5.3.1.1-<1

5.3.1.1-4

where

8".
K

the subscript p refers to the added vertical panel (either an upper vertical stabilizing
surface V or 8 lower vertical stabilizing surface U)

is the lift..curve slope of the isolated vertical panel mounted. on a reflection plane from
paracraph A of Section 4.1.3.2. For this calculstion the aspect ratio must be taken as
twice the aspect ratio defined by the average exposed. span and exposed area.

ia the area of the exposed vertical panel

is the spparent mass factor from figures 5.3.1.1-25a through 5.3.1.1-25nn. When using
these figures the vertical psnel for which the contribution to 4-,8 is desired is tenned
the -added panel- and other panels existing in Ute empennage are termed the -existing
panels- 8S shown schematically in sketch (a).

The body radii dimensions r I and '2 are defined in the region of the tail panels. If
these dimensions change in this region the average values should be used. In general
interpolation procedures must be used since the geometry rarely coincides with that of
a specific figure. Since the variation of parameters between figures is generally non~

linear, graphical interpolation using at least three points is recommended. An index of
the K charts and the range of variables covered by each ia presented as table 5.3.1.I-A.

ADDE:D
VERTICAL
PANEL

SKETCH <a)

Although the sketches on the figures show only the upper vertical panel as the added
panel. Ute added panel can be either the upper or lower vertical panel. Special mention
is made of figures 5.3.1.1-25g through 5.3.1.1-25p. Figures 5.3. 1.1-25g through 5.3. 1. 1-25k
are used to estimate the K value due to adding an upper vertical stabilizing surface to a
body with the horizontal surface in the high tangent position. These figures also apply in
estimating the K value due to adding a lower vertical stabilizing surface to a body with
a horizontal aurrace located in the low tangent position. Figures 5.3.1.1-251 through
5.3.1.1-251> are used in the same m"n... as figurea 5.3. 1.1-25g through 5.3.1.1-251<
except that the horizontal surface is tangent to the body on the side opposite to which
the panel ia added.



Apparent mass factor solutions for bodies other than circular or elliptic cross sections
are not available. In treating bodies of otber cross-sectional shapes the assumption is
made that the ratio of height to width, rlr., is the important parameter and that details
of the body contour are of secondary importance. This assumption has been 'used in
reference 3, where the body was other than circular or elliptic, and the resulting corre
lation with experiment was as good as for the cases to which the figures apply directly.

The case of a vertical tail added to an empennage consisting of a horizontal panellcr
cated at other than the mid-position on the elliptical body is not covered by the K charts
(see table 5.3.1.1-Al. To handle such a case, either the body must be considered cir
cular and an interpolation made for horizontal panel height, or the horizontal panel must
be assumed located at the mid;K>sition and an interpolation performed between r,/r.
ratios. A comparison of the effect of both horizontal panel location and body shape on
the K factor should be made in determining the proper approach to the K factor solution.

Contribution of Horizontal Tail

In determining the total empennage side force due to sideslip which results from the addition of all panels present
in the empennage the horizontal tail must be added first (see method 3, paragraph A, Section 5.6.1.1l. Although
the horizontal tail contribution to CYR is usually small and for most calculations can be neglected; it can provide
a signifICant contribution to the sideslip derivative Cn,e'

Tbe contribution to the sideslip derivative Cv,e (based on total wing area) of a horizontal tail added to a body is
given by

5.3.1.1-e

where

is the side force due to sideslip (based on body reference area, SSae') obtained from Section
4.2.1.1 by conversion of the body lift-eurve slope i.e.; (Cy,e)s = -(CL)s

is the apparent mass factor due to the addition of a horizontal tail in the.presence of a body for
the 'appropriate tail span and vertical position from figure 5.3.1.1-2500.

For a horizontal tail mounted at an intemlediate position on the body (between mid- and high- or
low-tangent poaition), the following second order interpolation using the equation of an ellipse
should be applied

K~) = KH1• h 0' Lnw {
I - [1 -~,~T }

A substantiation table comparing experimental data with results calculated by this method is shown in table 5.3.1.1-B.
A comparison is made in this table of the relative accuracy of Method 1 and Method 3.

Somp/e Problems

1. Method 1

Given: The configuration of reference 6 consisting of wing, body, horizontal tail, and vertical tail. Find the effect
of adding the vertical tail to the wing-body-horizontal tail combination.

Wing Characteristics

Aw = 3.0 Sw = 576.0 sq in. bw = 41.56 in. Zw = 0 An/OW = 45°
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Horizontal Tail Characteristics

SII 121.6 sq in. bll " 22.42 in.

Vertical Tail Characteristics

C\, 1.50 Sy " 153.7 sq in. bv " 15.23 in.

\c 2, c 41.9
0

Airfoil: NACA 0003.M34

c'v 17.40 in. r..y "0.160

Additional Characteristics

M " 0.25

Compute:

r l :: 2.8 in. d " 6.0 in. x/Cy " 0.55

(e l a' v " 6.18 per rad (Section 4.1.1.2)

K " cla " 0.984
217

! -'\) VCB)

(A)v
c 1.47 (ti"gure 5.3.1.1-22al

" 2.20
(AlV(B)

• --(A)v
(A)v

SlI/Sv " 0.820

K II " 0.83 (figurp. 5.3. 1. 1-22c)

(AlV(HB)
-,-=='- • 1.10 (figure 5.3.1.1-22bl

(AlV(B)

Sv/Sw " 0.267

zw

/d

= 0 { [(AlV(HB)]1 .
Aerr = (AlV(B) 1 + K II - 1 = 2.38 (equation 5.3.1.1-al

(AlY(B)

Aerr [,8' t tan' A""y] 1\ = 3.193
K

CLa
- = 1.08 (figure 4.1.3.2-49)
Aerr

(CLa~(CLalV(BH) = - err = 2.57 per ran
Aeu

/1 + a~ qy = 0.724 + 3.06 ,,-_Sv_/_S.,..w__ + 0.4 _zw_ + 0.009 Aw = 1.230 (equation 5.4.1-al
\ ai3Jq". 1 + C08 A alfw d

k = 0.87 (figure 5.3.1.1·22dl
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(equation 5.3.1. I-b)

&>lution:

([;CyIl)v(WllH) = -k(CLa)V(BH)~ + ~;) ~ ~:
= -0.734 per rad

This compares with an experimental value of -0.76 per radian obtained from reference 6.

2. Method 2

Uiveo: A configuration consisting of wing, body, and twin vertical panels mounted on the tips of a horizontal tail.
Find the effect of adding the twin vertical panels to the configuration.

Twin Vertical Tail Characteristics

Av 1.39 bv = 5.0 ft b~ = 4.0 ft Sv = 18.0 ft ¢TEV

Additional Characteristics

Sw • 144.0 sq ft

Compute:

b~/bv = 0.80

1a = 55.0 ft bH = 12.0 ft r, = 1.50 ft

A
1.20 (figure 5.3.1.1-24a)

A. rr = 1.67

(Cyll)v.rr = 2.40 (figure 5.3.1.1-24b)

2rlbv = 0.6

1>,./1a = 0.22

&>Iution:

= 0.61 (figure 5.3.1.1-24c)

(CY.B) V(WBH) 2 Sv

(CY.B)v.rr Sw
(equation 5.3.1.1-c)

3. Method 3

= - 0.366 per rad

Given: A configuration of reference 10 consiating of wing, body, horizontal tail, and vertical tail. Find the effect
of adding the vertical tail to the wing-body-horizontal tail configuration.

Vertical Tail Characteristics

Av = 1.40

A.v = 0.645

AVe = 1.37

A. v• = 0.80

Sv = 48.6 sq in.

bv = 8.25 in.

Sv. = 36.2 sq in.

NACA 65008 airfoil

A 39.4°c/2v
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Additional Characteristics

M 0.13

Compute:

1.20 r, = 2.65 b" = 6.70 in.
2

Sw 324 sq in.

(eta)V = 6.67 per rad (Section 4.1.1.2)

217

(cta)v
=1.06

2Av, = 2.74

(ratio of section lift-curve slope to 21T)

2A
Ve [ 2K(3

= 1.08 per rad (figure 4.1.3.2-49)
2A ve

(CLa)v (1.08) (2 Av.) = 2.96 per rad (based on Sv,)

Detennine the apparent-mass factor due to adding the upper vertical stabilizer to the wing-body-horizontal tail
c<>nfiguration. ln this case the empennage consists of the hody, horizontal tail, and upper vertical stabilizer.
rho apparent-mass factor to be found is that due to adding the upper vertical stabilizer to the combination of
body ","d horizontal tail, K V(HB,

(:~)= 0.451, ('li)H = 0.396, (r~\X'.t1n. = 1.000, ~~\dd'd = 0.1455

panel panel

Using the above parameters and table 5.3.1.1-A it is seen that KV(HB, is obtained by interpolation from figures
5.3.1.1-25s, -25t, -25u for rlr, = 0.333, 5.3.1.1-25y, -25z, -25aa for r,/r, = 0.667; 5.3.1.1-25c, -25<1, -25e for
rllr, = 1.000. An interpolation between those values of KV(BH) gives, for rllr, = 0.451

KV(BH) = 1.135.

Solution -
C 8", 3'!"~= -K( La)p (equation 5..1.1-...)

Sw

SV,
-KV(HB, (CLa)v 

Sw

(-1.135) (2.96)(36.2)
324

= - 0.375 per rad (based on Sw)

This cOITesponds to an experimental value of -0.367 per radian obtained from reference 10.
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B. TRANSONIC

The side force on a vertical panel depends on three general factors. These are the lift characteristics of the panel
itself, the effect of the wing-body wake and sidewash, and the interference effects of the body and horizontal surfset

The lift characteristics of the isolated panel at transonic speeds can be estimated by methods such 88 that described
in paragraph B of Section 4.1.3.2. The wake and sidewash, on the other hand, are affected by the detailed geometry
of the flow field, which can be radically changed by relatively minor variations in the vehicle geometry. This is
true because of the sensitivity of transonic flow to local contour and area distribJtion chll'1ges and because of shock~

induced boundary-layer separation. In addition, the ~ertical panel is usually contained in a small segment of the
flow field so that local variations in the field. can have pronounced effects Up:Jn the resultant forces 00 the tail.
The interference effects of the body and horizontal tail at uansonic speeds are likewise sensitive to local configu
ration geometry and cannot be eliminated.

Because of the above reasons, the vertical tail contribution to the sideslip derivative CY13 is difflcult to estimate
reliably, and its value is usually obtained by wind-tunnel testing or estimated from comparison wlUl Similar con
figurations.

DATCO". METHOD

No method is available in the literature tor estimating this derivative and none is presented in the Osteom. How
ever, some data in this speed regime can be found in references 11, 12, and 13.

C. SUPERSONIC

The problem of estimating the effectiveness of panels in the empennage in generating side forces due to sideslip
at supersonic speeds is complicated by the presence of shock waves. These shock waves cause marked regions
of differentiation on the surfaces of an added panel (see sketch b). Each region is characterized by different Mach
numbers, pressures, and velocity directions. In addition, vortices from the bOOy and the wake from the forward lift
ing surfaces can have important effects on the forces gmerated. The method presented. herein, taken from reference
3. does not account for the effects of vortices and wakes. However, these effects are small at low angles of attack.

DATCOM METHOD

The method of this Section is for estimating the increment in Cy,8 due to the addition of a panel (either a vertical
stabilizer or s horizontal tsil) in the empennage. The vertical panel contribution includes the effects of all exist
ing panels on the added panel. An extension of the method. to detennine the total empennage side force due to side
slip at supersooic speeds which results from the addition of all panels present in the empennage is presented in
paragraph C of Section 5.6. L1.

The method is based on the ssme spparent msss concept ss used in Method 3 of paragrsph A. A weighted apparent
mass factor is obtained for each region defined by a system of Mach lines characteristic of the configuration. The
total effective apparent mass K I is then detennined and used to obtain the desired force contribution of the added
p8llel.

This method is limited to configurations in which the horizontal tail is mounted on the body or configurations with
no horizontal tail.

Contribution of Vertical Panel

When adding a vertical panel to a configuration, the following general procedure is used. However, a more thorough
understanding will be gained hy studying the sample problems.

Step}. Construct the Mach lines (.u = sin-I ~) emenating from the exposed root chord leading and trailing edges

of all panels other than that to be added, as shown In sketch (b>' (This is an approximation to the hori
zontal panel flow field boundaries strictly applicable to a flat plate airfoil at ZB'O angle of aUack and does
not account for the effects of vortices and wakes.>
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SKETCH (b)

/"---J.<::T
====:::=-~~~~~~s~J"

Step 2. Determine the areas or regions on the added panel affected by each vehicle cOffi(X)nent. S•• 82• S3. etc.

Step 3. Determine the body-radius-to-semi~spanratios for each region for both the horizontal and vertical surfaces.
The vertical span of a given region is taken as the total span of the added panel measured to the Ixxly ('l'nt(

line, 88 shown in sketch (b). The semi-span of horizontal surfaces (wings and horizontal tails) is the max
imum semi-span of these surfaces. The radius of the body for a given region is taken to be the average
radius for that region.

Step 4. The apparent mass factors K for each region are determined from figures 5.3.1.1~25a through 5.3.1.1-2::>011
using the geometry of each region as determined in Step 3. In determining the K factors for each region any
point lying forward of the Mach line from the leading-edge body juncture of 8 panel does not feel the
presence of the panel, and any point lying behind the shock wave drawn from the trailing-edge body junc
ture of a panel does not feel the presence of the panel. For example, referring to sketch (b>, the upper
vertical panel is divided into three regions of influence. Region S 1 senses the presence of the body and
the wing; region S~ only the body; and region S3 the body and the lower vertical stabilizer. Interpolation
for the appropriate geometry must frequently be made when using these charts. It is recommended that at
least three points be u~d in these interpolations because of the nonlinearities of the characteristics in
volved. (See Method 3 of paragraph A for a general discussion on the use of the K charts.)

Step 5. Each apparent mass factor is reduced by the ratio of the area of its region on the added pwtel (Step2) to
the total exposed panel area.

Step 6. The total effective apparent-mass factor for the added panel KI is then the sum of those calculated for
each region (Step 5). For example in the case illustrated in sketch (b), K' of the upper vertical panel in
the presence of wing, body, horizontal tail, and ventral is given as

K' c
S,

KV(WB) S
v.

s"
+ KV(8)

Sv.
S,

+ KV(BU) 

Sv.

Step 7. The side-force curve slope (based on total wing area) of a vertical panel added to an empennage is given
by

5.3.1.1-1(LlCyp). " -K'(CN.). ~

where the subscript p and Sp. are as defined in Method =l of paragraph A, and <CNa.)p is the normal-force
curve 8lope of the isolated vertical panel mounted. on a reflection plane. from paragraph C of Section
4.1.3.2, based on twice the aspect ratio defined by the average exposed span and exposed area.
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Contribution of Horizontal Tail

In determining thc total empennage side force due to sidcslip which results from the addition of all panel s present
in thc cmpennagc the horizontal tail must be added first (see paragraph C, Section 5.6.1.1). Although the horizontal
tail contribution to eYa is usually small and for most calculations can be neglected; it can provide a significant
contribution to the sideslip derivative Cnf3 "

The contribution to the sideslip derivative CYt (based on total wing area) of a horizontal tail added to a body is
g"ivcn by

5.3.l.l-g

where KH(B)' (CYfJ)B' and SSR,r are as defined in Method 3 of paragraph A

Sact

S~xt
is the ratio of the actual projected side area of the fuselage to that of the extended fuselage as deter
mined by Mach lines {t"o sin-! ~)originatingfrom the leading and trailing edge of the exposed root
chord (see sketch (c) )

S~, measured to termination of actual body

S", measured to end of extended body

SKETCH (c)

This method is substantiated in table 5.3.1.1-e (from reference 3).

Sample Problems

1. Given: The configuration of reference 16 consisting of wing, body, horizontal tail, and upper vertical stabilize
Find the effect of adding the vertical tail to the wing-body-horizontal tail combination.

r
bv

Vertical Tail Characteristics

Av 0 1.59

Av 0 0.153

AVe 0 1.48

AVe 0 0.192

Sv = 35.3 sq in.

bv 0 7.48 in.

Sy, = 21.9 sq in.

NACA 65AOO5 airfoil
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M ~ 1.61

b" . 06'2:: o. In.

. -, I 38.50

!J. ~ sm M ~

Sw ~ 160.4 sq in.

Additional Characteristics

r, ~ 1.78 in.

S, ~ 19.9 sq in.

r2 ~ 1.78 in.

s, ~ 2.0 sq in.

{3

z" ~ 0 (horizontal tail on body centerline)

Compute:

2Av• tan ALEV 3.575

{3 ~ yM2 - I 1.265

tan ALEV
~ 0.955

p(CNa)v ~ 3.90 per rad (figures 4.1.3.2-56a, -56b, -56c interpolated for A.v. 0.192)

(CNa)v ~ 3.08 per rad (based on Sv.)

Determine the effective apparent mass ratio due to adding the vertical stahilizer to the wing-body-horizontal
stabilizer combination. The empennage in this case consists of body, horizontal stabilizer and vertical stahil
izer. The effective apparent mass ratio to be found is that due to adding the vertical stabilizer to the body and
horizontal tail, K~~Rl'

Referring to the configuration sketch, the region S, senses only the body, while S, senses both the body and the
horizontal stabilizer. Therefore, the effective apparent mass ratio is given by

K ~(HB) :: K V(B)

Determine K Vea)

S,
Sv.

+ K "{liB)
S2

Sve

( :;)~ 1.000;(r~)v ~ 0.238{~)u.. 1.000
added eXisting
panel plIllel

using the above parameters and table 5.3.1.1-A it is seen that KV(B) is obtained from figure 5.3.1.1-2~a

KV(B) ~ 1.25

Detennine K V(HB)

(::)~ 1.000{ b~~2) ~ 0.293{~\d.d ~ 0.238;(~) ~XiStin. 1.000

penel panel

Using the above parameters and table 5.3.1.1-A it is seen that KV(fls) is obtained from figures 5.3.1.1-25b,

-25c, and -25d interpolated for (r2/~) ~ 0.293

KV(flU) ~ 1.375

K~(HD) ~ 0.25)C9.9 ) + (1.375) ( 2.0 ) ~ 1.26
21.9 21.9
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Solution:

(LICY/3) = -K' (CN.) s.. (equation 5.3.1.1-0
p 8w

8
(LICY/3)V(WBH) = -K~IlfB) (CN.)v 2

8w

= (-1.26> (3.08>1'1.1.90)
\160.4

= - 0.529 per rad <baBed on Sw)

This compares with an experimental value of -0.486 per radian from reference 16.

2. Given: The configuration of reference 18 consisting of wing, body, upper vertical stabilizer and lower vertical
stabilizer. Find the effect of adding the upper vertical stabilizing surface to the wing-body40wer verti
cal stabilizer combination.

bw
2

bv
r.

r,

J "\ t
\.,t,/

bu

l_

Av = 1.29

Av = 0.42

Av• = 1.12

AVe = 0.482

Upper Vertical Tail Cbaracteristics

8v = 43.5 sq in. 8ve = 31.6 sq in. ALEy = 32.50

by = 7.48 in. airfoil: wedge nose. slab sides (constant thickness)

Additional Characteristics

M = 2.01 I-' = sin-' ~ = 29.8
0

8w = 144 sq in. bi = 12.0 in. 8, = 16.35 sq in.

Zw = 0 (wing on body centerline) bu = 3.05 in.

r, = 1.50 in.

8. = 14.10 sq in.

r. = 1.50 in.

8. = 1.15 sq in.
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Compute:

2 AVe tan ALEv 0 1.425

tan ALEy

{3
o 0.365

{3(e Na )V 0 3.68 per rad (figures 4.1.3.2-56c, -56<1, -56e interpolated for AVe 0 0.482)

(eNa)v 0 2.12 per rad (based on Sve)

Detennine the effective apparent mBas ratio due to adding the upper vertical stabilizer to tbe wing-body-Iower
vertical stabilizer combination. The empennage in this cBae consista of body, upper vertical stabilizer and
lower vertical stabilizer (ventral>' The effective spparent mBaS ratio to be found is that due to adding the upper
vertical stabilizer to the body and ventral, K'v(BU)'

Referring to the configuration sketch, the region S, senses the wing and the body, S. senses only the body and
S, senses both the body and the ventral. Therefore, the effective apparent mBaS ratio is given by

K~(B1.n
S,

= K V(WB) s;-
e

S.
+ KV(B)

SVe

Detennine K V(WB)

(.:L) 0 1.000;~~)= 0.125; (.:L) =0.200r. bw/2 b V

added
panel

The ventral surface is not felt in region S" therefore

( ~') = 1.000
u
existing
panel

Using the above parameters and table 5.3.1.1-A it is seen that KV(W8) is obtained from figures 5.3.1.1-25b,

-25c, -25d interpolated for (r./~) = 0.125

Kv(WB) = 1.36

Detennine KV(Bl

( :: ) = 1.000; ( ~ ) v = 0,200; (~ )u = 1.000 (region S. does not senSe the ventraD

added extl!ltln.
panel panel

Using the above parameters table 5,3.1.1-A it is seen that KV(B) is obtained from figure 5.3,1.1-25s

KV(Bl = 1.13
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PC'u'rminc 1\ \,'Hl .

C;) 1.000;(_r.!.-)
h, \

;"iderl
pan ... 1

0.20n; ( r~ ) l n.4~2

"xi sting
panel

l'siug thC' above p<.trameters and tuhlp 5.8.1.1-A it is seen that!\ \(1" . is ol1tcincd frnm Lg-ur(' :).:3. !.l-~;)a
interpolated for (r, Ih)e = 0.492

K \"COl) -' 1.24

Q:36l(J6.35.\' (1.13)(14.10). (1.24) (-L1~)\11,6(1 31.60 31.60

1.25:3

Solution:

- K ~'(Bl')

(equation 5.:1.1. I-n

(-1.2~3) (2.12/31 .60)

V4tO

= -0.5S:3 per rad (hased on S.)

This compares with an f'X(JC'rimentai value of -0.601 per radian from reference lK.

D. HYPERSONIC

A general discussion of hypersonic flow is given in paragraph D of SC'ction 4.1.:1.:J a:ld in the rcl'crPllc0s cifpd tlH'rl'ill'

The application of theories to tail components is comlJli~~atcd by the flow disturbances of forward \'C'Ill/lllllCIlL., (hoth

and wings) in the fonn of vortices, shock waves, and walws. ~n gpllPraL these d'feds have not hf'P:': general iZI'd and
specific configurations must either be compared to similar c()llfigurati(jr.~; for whic:l data exi:;t or !w suhmilt,('d tel a
test program. The recommendations of the Datcom for this speed regime ,U(' r.€'ces<.;arily tf'ntalI'.T' all£! will h.} up
dated as infonnation becomes available.

DATCOM METHOD

For configurations in which the tail panels are mounted on the body, it is recommended that lht' SUI)('fs0ni(' l~l('dlOd

described in paragraph C be applied at the higher Mach numbers. Bowen'r, this method ha~, not been SUh!'1t;Ulti3t('d
heyond a Mach number of 6.86 (see table 5.3.1.3-(;>.

Alternatively, the vertical-panel contribution to CYfj ma} be egtimated by the h.vpcrsonic smaJl-rlistu:'bance thl'or\",
which gives a local pressure coefficient of

C
p

= (;3 , 8>2(~ , ,/(/' + \)2 + 4. 2) ~.:l.1,\-h
2 V 4 (M' - II (;3 , 0)

where (, is the local slope of the surface ofthe vertical p:mcl with respcc~t to t'~f' \;('rtical plant' of ";\"lllflH'tr\' ill
radians

/' is the ratio of specific heats

f3 is the sideslip angle in radians
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5.3.1.1-i

The ~ig"ll of ('~ ~ r) should lw chosen to give the correct local angle of sideslip.

rh~' I'l\l~ sIgn b('fore tIl(> radical in equation 5.3.1.1-h applies to the compressicm side of the surface and the minus
... ign tn thl' l.'xpansion side. The equation is strictly valid only for sharp-edged sections and for & «1. For a slab
<.;~r\'.ri St:ction tht~ pressure coefficient becomes the side~forcc coefficient directly (based on exposed panel areaL

Fflr \t'ry hlgh \1ach numbers, Newtonian flow can be assumed. The pressure coefficient for this case is

Cp co ~sin2 ~.3 !: 0)

('ill'e ,\lllst he taken to assure that portions of the panels that are "blanketed" by forward components, Le., are not
.. ~t'('n" from the free-stream direction, are not included in the calculation. In these regions the pressure coefficient
i...: as~u!llcd to be zero. The pressure coefficient is also assumed to be zero on the leeward side of the panel when
thl' :,idt'.-::lip angle 2 is greater than the local panel slop!=, S.

T l 1e::-(' r:wthods have not been substantiated, since not eHough test data are available.

Sample Prabl..m

.5 ~I.3

= 1.44

, • \ - 1.20
~

4

\1' - I 24

1)
2I: 1-

f3 ± 8 (rad)

Region Compression Side· Expansion Side·

1 .04240 +.00750
2 .01745 -.01745
3 -.01396 -.04886

Values uf pressure coefficient. Cpo calculated for eaeh region by means of equation 5.3.1.1-h are listed in the fol
lO;":ing tahle (plus signs are used for flow compressions and minus signs for fl-ow expansions in both tables).

C,
Region Compression Side Expansion Side

1 .01960 +.00300
2 .00748 -.00674
3 -.00546 -.01728

"I'''r :I "imilar ,"ilar,-."'id.,,1 .!'-urfar;e. In actuality, hoth aj,jes of rel':ion I ,U'~ in comprllssion and both sides of region 3 are in an t.lxpansion field.
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Solution:

The sum of the pressure coefficients acting on the two sides of a given region is given hy the difference of the
two pressure coefficients

Thus. combining the pressure coefficients for each region and converting to side force coefficient gives

IIC y = IIC•• ~ + IIC•• ~ + IIC•• ~

= .0166 x .5 + .01422 x .3 + .01182 x .2

;;: .015

Therefore

(II CY,8)v = - .015 per degree or - .86 per radian

This is essentially the configuration of reference 19.
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TABL~: '-i.:l.l.\-A

APPAREI\T MASS FACTOR INDEX

I , o yon

i
.\ to

I
I I 1.000 : same side 0.4 oto 1.0 0.1 to 1.0 !

I
I as added

,

0.6 0.1 to 1.0 jJ I I II ! panelI k
, 0.8 0.1 to 1.0

1 1--- : Tangent to , 0 oto 1.0
, I

0.1 to 1.0 Im I body on 0.2
n I 1.000 I side npposite

1

0.4 oto 1.0 0.1 to 1.0
0 . added 0.6 0.1 to 1.0

, I 0.8 0.1 to 1.0p

t=~ I
q 0.333 -- oto 1.0 0.1 to 1.0
r I 0 oto 1.0
s 0.2 0.1 to 1.0
t 0.333 Mid 0.4 oto 1.0 0.1 to 1.0
u 0.6 0.1 to 1.0
v 0.8 0.1 to 1.0
w 0.667 -- oto 1.0 0.1 to 1.0

x 0 oto 1.0
y 0.2 0.1 to 1.0
z 0.667 Mid 0.4 oto 1.0 0.1 to 1.0

aa 0.6 0.1 to 1.0
bb 0.8 0.1 to 1.0
cc 1.500 -- -- oto 1.0 0.1 to 1.0
dd 0 oto 1.0
ee 0.2 0.1 to 1.0
ff 1.500 Mid 0.4 oto 1.0 0.1 to 1.0
gg 0.6 0.1 to 1.0
bb 0.8 0.1 to 1.0
ii 3.000 oto 1.0 0.1 to 1.0
jj 0 oto 1.0
kk 0.2 0.1 to 1.0
II 3.000 Mid 0.4 oto 1.0 0.1 to 1.0

mm 0.6 0.1 to 1.0
nn 0.8 0.1 to 1.0

00 1.000
Mid or tangent o to <XI 1.0 1.0
position

i ,

I (") I
, b·2 II

Horizontal I
Or

I
II

Figure r I Surface '(':~ ) ( r I ) i ( ~) existingI _~ a.dded

5.3.1.\-251 ) r, Position : b/2, w I b vertical b vertical
I panel panel

a ! 1.000 i -- -- oto 1.0 0.\ to 1.0

I b 0 oto 1.0 I
I O.

,
c

1

I I 2 , 0.\ to 1.0 I

d 1.000 I Mid 0.4 0t~1.0o~.lto 1.0 :

r
l ~ ~ , --L' ~ .. 68 0.\ to~.o--+ ~c'~___ 0.1 to 1.0

g-~- I--~ ~Ta~gent to I 0 - 0 to 1.0 I'

h Ibd 02 0 10
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TABLE fi.:U.I-B*

SURSONIC CONTRIBUTIO:-l OF VERTICAL PANELS TO ey ,

DATA SUMMARY AND SUBSTANTIATION

Method 1 Method 3 Percent Error

Configuration h Au: Panel k(CLa)V(Blll ( ac)q, ( AC,,) (eLa)v ( ~Cy,) ( ACy,) e

Ref. Sketch Surface A lin.) AV ;\.ve (rle~) Airfoil rilr2 x/c., Added M 1+ap q: Calc. K Calc. Test

(per rad) (per rad) (per rad) (per rad) (per rad) Method 1 Method 3

.50 BWHVs·BW .25 .431 U15 -.481 -- - - -- -.54 10.9 --

W .1.0 41..')(1 -- -- 53.1 --- 1.000 .55 BWHVL·BW .25 .597 1.230 -.734 -- -- -- -.76 3.4 --

/] H 4.0 22A2 -- -- -- -- -- BVs·B .25 .428 1.0 -.428 .370 U6 -.429 -.44 2.7 2.5

6 --J- \5 1,50 13.28 .160 .195 54.0 NACA 0003.5·64 -- BVL·B .25 .578 1.0 -.578 .514 1.07 -.550 -.56 3.2 1.8

VL 1.50 15.2.~ .160 .189 54.0 NACA 0003.5-64 .55 BHVL·B .25 .597 1.0 -.597 .514 1.25 -.642 -.63 5.2 1.9

.sO BHVs·B .25 .431 1.0 -.431 .370 1.34 -.496 -.47 8.3 5.5

<1 W 2.31 36..'10 _.- 1.000 BV·B .17 .254 1.0 -.254 .239 .94 -.225 -.25 1.6 10.0-- -- -- --

~
\ 2.18 10.37 0 0 42.5 NACA 65·006

""
(1

W 2.31 36.50 1.000 BV·B .17 .317 1.0 -.317 .293 1.01 -.296 -.30 3.i 1.3-- -- -- -- --

8

~
\ 2.18 11.74 0 0 425 NACA 65·006

<J
W, 2.31 36.50 - . - _.- 60.0 -- 1.000 -- BWIV-BW, .17 .446 1.050 -.468 -- -- -- -.43 8.8 --

-= \l' 2 2.31 .36.50 -- -- 60.0 --. -- BW2Y·BW2 .17 .446 .918 -.409 -- -- -- -.34 20.3 --

~
W3 2.31 36.50 -- -- 60.0 -- -- BWsV-BW3 .17 .446 U84 -.528 -- ._- -- -.49 7.8 --

V 2.18 14.2.3 0 0 42.5 NACA 65·006 -- BV·B .17 .446 1.0 -.446 .401 1. Vi -.4.61 -·.42 6.2 9.8

if W .u 36.00 -- -- 467 ~_.- 1.000
<: 1.00 BWHV.BW .6 .461 1.247 -.575 -- -- -- -.46 25.0 --

9 H 4.0 16.08 -- --- --- _.

~
-- BV.B .6 -- -- -- .460 1.07 -.492 -.49 -- 0.4

V U8 10.19 .500 .61 57.5 NACA 63(10)AOO9

Q W 40 36.00 -- -- 3.6 -- 1.000
<:: ~ .25 BWHV.BW .13 .130 .990 -.426 -- -- -- -.51 16.5 --

H 4.0 16.10 -- -- -- --

~
.25 BHV·BH .13 -- -- --- .400 1.26 -.504 -.53 -- 4.9

V 2.02 9.90 .600 .647 3.5 NACA 65AOO8

~ W 4.0 3600 2.210<: - -- -- -- --

10

~
H 4.0 16.10 -- -- -- -- .25 BHV·BH .13 -- -- -- .331 1.53 -.506 -.53 -- 4.5

V 2.02 9.90 .600 .678 3:5 NACA 65A008

q W 4.0 36.00 -- -- -- --

---- - -.497 1.4

~
H 4.0 16.10 -- -- --- -- .451 .25 BHV·BH .13 -- -- -- .448 1.11 -.49 --

V 2.02 9.90 .600 .630 3.5 NACA 65A008

·This table is a condensed form of that appearing in reference 3. Additional substantiation can be obtained fTOm this rrference.
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TABLE 5.3.1.1.("
SUPERSONIC CO:\TR lBUTION OF VERTICAL PANELS TO Cy~

DATA SUMMARY AND SUBSTANTIATION

( AC"l ( AC,,\ Percent

Ref. Configuration rl/r~ S.urface A b AVe Au: Panel M (Cr..)v K' Calc. Test Error
Sketch (in) (d'~l Added (per cad) (per cad) (per cad) ,

<' 9 W 2.45 10.48 .427 27 1=
15

~
1.000 BWV.BW 1.82 -.418 HI -.589 -.56 5.2

V 1..12 3.80 .378 44.0

~(J W 4.0 25.32 .538 38.1
/ BV·B 1.61 .--1.20 1.25 .525 .52 0.96

16 1.000 H 3.5 12.12 .541 38.5

~ BWHV ·BWH 1.61 .420 1.26 .529 .487 8.6
V 3.0 7.48 .192 50.4

a W 3.18 19.08 .483 48.0

~ . H 3.06 9.12 .517 48.0 BWHU.BWH 2.01 -.021 2.76 -.056 -.057 1.8
I 1.l70

Ck- V J.73 7.08 .392 49.2 BWHUV·BWHU 2.01 -.398 1.32 -.525 -.52 1.0

U -- 2.56 .00 70.2

BWVo·BW 1.61 -.247 1.45 -,.358 -.33 8.5
W 3.86 22.41 .3 J:l 49.7

~a
BWVo·BW 2.01 .195 1.72 --.335 .30 11.7

H 3.54 15.74 .402 49.6...----- BWHV,·BWH 1.61 .247 1.49 .368 .37 .5
l7 A .940 Vo UO 7.20 AI6 23.5

BWHVo·BWH 2.01 .195 1.72 .33. .30 11.7
V":II 1.61 8.66 .260 23.5

BW'HV,,:lt,BWH HI .321 1.32 .424 .41 3.4
V127 % 1.45 8.74 .290 23.5

BWHV 1270/0·BWH 1.61 -.349 1.35 -.471 -.41\. 7.0

f\ W 4. 24.00 .225 49.4 BWV·BW 1.41 -.788 1.06 -.836 -.92 9.1
18 - ~ I 1.000

~
V 1.29 8.59 .235 20.6 BWV.BW 2.01 -.470 1.16 -,545 -.65 16.2

/7 W 4. 2-1-.00 .225 49.4 BWV·BW 1.41 -.810 1.04 -.342 -.88 4..'- I
18 1.000

~
V 1.29 8.59 .235 41.6 BWV.BW 2.01 -.482 1.12 -.540 -.60 10.0

- _4 W 4. 24.00 .225 49.4 BWV·BW HI -.761 1.04 -.792 -.85 6.8
18

--b-
1.000

V 1.29 8.59 .235 52.1 BWV.BW 2.01 -.512 1.06 -.542 -.53 2.3

- ~4 W 4. 24.00 .225 4Y.4 BWV·BW 1.41 ~.679 1.04 -.706 -.67 5A
18 1.000

---J.- V 1.29 8.59 .235 62.5 BWV.BW 2.01 -.554 1.04 -.586 -.50 17.2

-c= 5' W 3.00 4.33 .140 38.83 BWIlUV·BWUV 6.86 .OOiO 1.79 -.120 -_. ---
20 --+- 1.0 H 3.52 2.69 .261 22.63 BWIlUV·BWH 6.86 .1110 1.758 -.195 -- --

V~U 1.50 1.35 .333 22.63 BWHUV.BW 6.86 -- -- -.315 1
.,. -.:UI 1.9

·This table is a c:onl!enseu form of that appearing In reference 3. Additional substantiation ean bc obtained from this reference. * ·Sum of the two terms above.
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SUBSONIC

METHOD I-SINGLE VERTICAL TAILS
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5.3.1.2 TAIL·BODY SIDE-FORCE COEFFICIENT
c" AT ANGLE OF ATTACK

The tail-body side force developed at combined angles is nonlinear with respect to both sideslip and angle of
attack because of the body-vortex induced sidewash on the upper vertical tail and the cross-coupling of upwash
and sidewash velocities. To obtain the sideslip derivative Cyll , it is recommended that Cy be calculated at
several angles of attack for a small sideslip angle ((3 ~ 4°). Then at each angle of attack the side force is as
sumed linear with sideslip for small values of (3 so that

C
Cy

Yf3 ~ (3

A. SUBSONIC

The analysis of tail-body combinations at subsonic speeds and zero angle of attack is described in paragraph A of
Section 5.3. I. I. At combined sideslip and angle of attack, however, two other phenomena must be considered: the
body-vortex interference, and the cross-coupling effect of sideslip and angle-of-attack induced cross-flow velocities .

•Unfortunately neither of these phenomena can be estimated at other than supersonic speeds.

The method presented herein is restricted to first-order approximations at relatively low angles of attack.

DATCOM METHOD

It is recommended that the methods of paragraph A of Section 5.3.1.1 be used in the linear-lift
angle-of-attack region.

B. TRANSONIC

As stated for the subsonic case the body-vortex interference and cross-eoupling of upwash and sidewash velocities
due to combined angles cannot be estimated at other than supersonic speeds.

Furthermore, as stated in paragraph B of Section 5.3.1.1, no method is available for estimating the side force on a
vertical panel at zero angle of attack.

DATCOM METHOD

No method is available for estimating this coefficient and none is presented in the Datcom.

G. SUPERSONIC

The method of this Section is an extension of that presented as Method 3 of paragraph A and in paragraph C of Sec
tion 5.3.1.1. The discussion appearing there also applies here and will not be repeated. At combined sideslip and
angle of attack, however, two additional effects must be considered. The cross-coupling effect of sideslip and angle
of attack induces cross-flow velocities at the tail panels, and at angle of attack the body sheds vortices which
proceed downstream to cause interference at the tail.

The method presented herein does not account for interferences existing between a wing and tail surfaces. If a wing
is present in the configuration three additional types of interference exist between the wing and tail panels at super
sonic speeds. These interferences produce additional nonlinear effects which are accounted for in paragraph C of
Section 5.6.1.2.

DATCOM METHOD

The method presented in this Section for estimating the tail contribution to the sideslip coefficient Cy is from
reference 1, and uses the apparent-rnass concept described in Method 3 of paragraph A in Section 5.3.1.1. The
method prescribes the order in which the tail panels should be added to the configuration for analysis purposes.

5.3.1.2-1



This order is:

The horizontal tail is always added first, but the method is valid only for configurations with a horizontal
tail mounted on the body or for configurations with no horizontal tail.

The remaining tail panels are then added, starting with the most aft and working forward (the position is
measured in a streamwise direction to the leading edge of the exposed root chord>.

The proper weighting of the apparent-mass ratios, which accounts for partial-panel areas affected by existing
panels, is outlined in paragraph C of Section 5.3.1.1. The result is an effective apparent-mass factor K'.

for tail-body configurations at angle of attack, the horizontal-tail pressure field is not delineated by Mach lines
alone. The pressure field produced is bounded by shock waves at the upper trailing edge and the lower leading
edge (at positive angles of attack). If the airfoil is assumed to be thin, it is an easy matter to define the expan
sion and compression fields by direct application of shock~xpansiontheory. We assume that the flow in the
region of the tail is the two-dimensional shock-expansion field corresponding to the exposed root chord of the
horizontal surface. Any effects of horizontal surface-body interference or horizontal surface section in distorting
the shock-expansion field are neglected. This method is also used in Section 5.6.1.2 to define the pressure field
produced by s wing. The method is described below:

Upper surface 'of panel:
• - 1

sm ...L (measured relative to the free stream).
M~

2. Find Mach number MI aft of expansion from figure 4.4.1-82. Read v at M~. Then read MI at v + a = VI'

1. Find the leading-edge Mach line I-'

3. Find trailing~dge shock angle. Enter figure 4.4.1-81 at - 8' = a and read el at MI (measured relative to
the chord plane of the horizontal surface).

Lower surface of panel:

1. Find leading-edge shock angle. Enter figure 4.4.1-81 at - 8' = a and read e at M~ (measured relative to
the free stream>.

2. Find Mach number M2 beneath wing from figure 4.4.1-82. Read v at M~. Then read M2 at v - a = V2.

3. Find trailing~ge Mach line (end of expansion), f1. = sin -I M~ (measured relative to the free stream).

For a specified initial Mach number there is a maximum value of the angle of attack for which there exists an
oblique shock solution. Or, conversely, for a specified angle of attack there is a minimum initial Mach number for
which there is an oblique shock solution. The relation between Mach number and angle of attack below which no
oblique shock solutions may be obtained is indicated in sketch (a).

SKETCH (a)

Mach
Number,

M

7.

'l6

:II
~

I
4 I I

/ I
3 / I
n. / I

---- No Solution I
..,./" I I I

t
~ •o 10 20 30 40 50

Angle of Attack, a ~ deg
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The pressure-field boundaries producf'd by a horizontal tail are defined in sketch (bl which shows the body area
innu('lIced by the horizontal tAil ('ompare thi~ with sketch (c) of Section 5.3.1. L

S.ct measured to end
of actual body

~~~__-y"4,
"" Sut measured to end

''''......--'-.I---,...u ~ded body

SKETCH lb) ~!L

The pressure-field boundaries of a typical tail-body configuration are illustrated in sket.ch <cL For this example
lhe vertical tail exposed root~hord leading edge is aft of the ventral fin exposed root-chord leading edge; there
fore. the ventral fin has no effect on the vertical tail since it is added. later. At the angle of attack and Mach num
ber represented the horizontal tail innuenccs both the vertical'tail and the ventral lin; howev~r, the vertical tail
docs nol innuence the ventral ('in.

SKETCH

M~.--J;:------;-- - ____

S3

The modifying cITt-oct of angle of attack on the tRil contribution to the side-force coefficient is accounted for hy thf'
cross-coupling intcrfcrC'flce factor K¢, developed from slender-body theory in reference 2.

The t:,nec-t of body-vorlcx induced side\VBsholi the upper vertical tail side-force coefficient is calculateri usiJlJ{
intcrfen..'n(,<" fRctors from rcfercnce-s :J and 4, and vortex strengths and positions from Section 4.3.1.3. A simplified
model of bod)'-vortcx scpllratioll i:s $hoWIi in skeleh <d). At some distance x. behind the body nose a pair of vortices
8t'parRtc~ fmm the lndy. AN the \,ortic('s progrf'ss d()wnstrt'om, they increase in strength 8S a resull of small vortex
fihunt.'lIt~ ()riginathIK 011 the bod)' lUld ft.'Cding into tht.' vortC'x eores, The positions and vortex strengths of a body
of revolution are dePl"fldent upon angle of attRl'k Rnd the axial di8tanc~ x behind the body nose. Thcse vortex
MlreI1KlIll~ and positions Ilfl' presC'nh.."<I in Section 4.:1.1.3 as functions only of a single nondimcnsional parameter
Rnd til(' r,'sulls are prescnted in tht~ .'" - Z (.·oordil1i\tc syswrn. In the method that (ollows these vortex strengths and
po~itiulI:' nrc rcsolvro into \'CYtil'al tBii r(o(C'r<'lll'C' cOt)minatcs for th(' configunltion at combined angle of aUark and
tiidt.'Hlip, The estimation prtX'l'llun..' ft)' finding vortex positions and strengths :8 restricted to circular bodies; there
(ofe, lilt, DatC'Om method is not vRlid for othfl'l' body shapes,

5.3.1.2-3



Vortex separation model
SKETCH (d)

r--VO<tex separation points
z / Path of vortex cores 88

-,-_Jlt:'~~X~.~~'~I~~~~~~~~~~=x (\'~ they progress downstream

:vv-
The contribution of the tail panels to the side-force coemcient is determined from the following equation

CYH\"UB) CYJlB) + CYv + CYu

where

5.3.1.2-&

is the contriootion of the horizontal tail in the presence of the body, calculated by equation
5.3.1.2-1>
is the contribution of the vertical tail, including body and,horizontal tail interference effects.
effects of aoss-coupling of a and /39 and effects of body vortices, and may include ventral
fin interference. Calculate by equation 5.3.1.2-<:.

is the contributioo. or the ventral fin, including body tlnd horizontal tail interference effects, and
effects of cross-coupling of a and /3. and may include vertical tail interference. Calculate by
equation 5.3.1.2-g. (Vennl fins are not affected by body vortices.>

The following procedure is used in determining the contribUtiOO8 of the tail panel s:

Step 1

Determine the contribution nf the horizontal tail in the presence of the 00dy. The procedure is completely analo
gous to that for determining the contributioo of the wing in the presence of the body in Section 5.2.1.2. :This is
always calculated first but C8Ilnot be analyzed if the panel is not body-mounted. The equation is

C 2 K k() Sa S.C< f3 cd.(c,')H d •
y..,.,' '1a II(B) a - - - f3(f3 - a) 5.3.1.2-b

S. Se~ S.

where the lirallerm on the right-h..d side ia the foreOOdy cross-now effect and ia taken as zero for the midtsil
case. and the second term on the right-hand side is an approximate effect of the horizontal in
hibiting the viscous cross-now occuring along the body at large angles of attack.

7JB is the Mach numbEl' correction to the horizontal tail-body interference coefficient from figure
5.2.1.2-7 using the exposed root chord of the horizontal tail and the average body diameter at
the horizontal tail

KfUI) is the horizontal tail-body interf'erence coefficient. or apparent-mass ratio, from figure 5.3.1.1-2500.
For tail positions other than midtail (K~ = 0) or tMgent, a nonlinear interpolation is descriOOd
in Method 3, paragraph A, Section 5.3.1.1.

k(a.) is the angle-of-attack correction to the hori::ootal tail-body interference coefficient obtained from
figure 5.2.1.2-8 uainc the exposed root ct.ord of the horizontal tail and the averagt' body diameter
at the horizontal tail. For tail position~other than midtail (k(a) =0> or tangent, a nonlinear inter
polation ia described in Method 3, pp....aph A, Section 5.3.1.1.

5.3.1.Z-4



is tile ratio of tile actual projected side area of the fuselage to that of the extended fuselage as
illustrated in sketch (b). These areas are bounded by the shock waves and expansion fans of the
horizontal tail.

Cdc is tile cross-flow drag coefficient, obtained from figure 4.2.1.2-35b,with Me Moo sin a'

a'

is the exposed root chord of the horizontal tail

is the sideslip angle in radians

is the angle of inclination, a' :: va2 + /32 , in radians

Step 2

Determine the vertical tail contribution by

C yv CYV(K,¢)' CYV(IS)

where

5.:U.2-<:

CYV(IB)

Compute:

accounts for horizontal tail-body interference and cross-<:oupling of a and (3 acting on tile verti
cal stabilizer, given by equation 5.3.1.2-<1

accounts for tile effect of body vortices on the vertical stabilizer, given by equation 5.3.1.2-<>

where

(3 SVe

Sw
5.3.1.2-<1

K~

a

ALEy

(CNa)v

Compute:

is tile effective apparent-mass ratio of the vertical tail, as described in paragraph C of Section
5.3.1.1, but refers to sketch (c) of this Section. This factor includes the presence of the hori
zontal tail; but does not include the presence of the ventral fin if the ventral fm is farther forward
than the vertical tail as measured from the leading edges of the exposed root chords.

is the cross-coupling interference factor of tile vertical tail, from figure 5.3.1.2-12

is the angle of attack in radians

is the sweepback angle of the vertical tail leading edge

is the normal-force-curve slope of the vertical tail as defined in paragraph C of Section 5.3.1.1

where

5.3.1.2-<>

271 a' Vr

a'

r

is tile nondimensional vortex strength obtained from figure 4.3.1.3-15 of Section 4.3.1.3 with a
replaced by a' in all cases and x taken as the distance from the body nose to the midpoint of
the MAC of the exposed panel.

is the angle of indination in radiana: a: = Va" + f;2

is the average radius of the body along the vertical tail exposed root chord

5.3.1.2-5



is the vortex interference factor:
6i v :: i v ! - iV2 ' The values of iVI and i V2 axe given in figure 5.3.1.2-13. where they are pre
sented as functions of the positions of the body ¥ortices at the vertical tail

Z"l YVt zV2 y'2
- - - and (see sketch (e) l. These are given by
bv ' bv ' bv ' bv

ZV! r IZo Yo I]- -cos (/J t - sin
b v b v r r

~ r [zo Yo l- - sin cf) -;:- cos I
b v bv r

ZY2 r [zo YrO sin ¢}_ -cos ¢ ~

b v bv r

YV2 r IZo , Yo I"- - sm¢ t -;:- cos ¢
b v bv r

5.3. 1.2~f

where ¢

r

Yo

is the vertical position of the body vortex in the Y- z coordinate system from
figure 4.3.1.3-13b

is the lateral position of the body vortex in the y ~ z coordinate system from lJgure
4.3.1.3-14

In reading these last two figures a must be replaced by a l in all cases and x is taken
as the distance from the body nose to the midpoint of the MAC of the exposed panel.

z

tan ¢
V' sin f3
V'sin a a

W ::: V'sin a

bv

--+---t'----y

~ V' sin f3

5.3.1.2-6

V' ~ vv 2 + w2

TYPICAL ORIENTATION OF BODY VORTICES WITH RESPECT
TO TAIL PLANE FOR CONFIGURATION AT COMBINED ANGLES

SKETCH (e)



SleD :I

Detennine the ventral fin contribution by

Cyl1 '" CYt'!:K,;» "\K~. + Kd"l' Qtsn'\I.El'] (-CNIl \, P

where

5.3.1.2-g

K<tu

A LEl•

<C:'IIo. )l'

Step 4

is the effective apparent-mass ratio of the ventral fin. as described in paragraph C of Section
5.3.1.1. but refers to sketch (c) of this Section. This factor includes the presence of 8 hori
zontal t.ail; but does nol include the presence of the vertical tail if the vertical tail is farther
forward than the ventral fin, 8S meast.J.red from the leading edge of the exposed root chords.

is the cross-coupling interference factor of the ventral fin from figure 5.3.1.2-12

is the sweepb&ck an&le of the ventral fin leading edge

is the normal·force-<'urve slope orthe ventral fin as defined in paragraph C of Section 5.3.1.1

All terms are now available for substitution into equation 5.3.1.2-8 for finding CYHH'OIf

Values for the incrt>mental coefficient resulting from the addition of upper vertical tails tu t'ircular bodies. calcu
lated using equation 5.3.1.2-c. art' compared with experimental results in figure 5.:t 1.2-11. It is evident from the
experimental data that a strong destabilizing effect occurs with increasing angle of attack and that this effect is
accurately predicted by the Datcom method over the angl£'-of·attack range of the tests.

Sam,l. P,obl.m

Given: The configuration of reference 5 consisting of body. vertical tail. and ventral tail. This is the samE." con
figurafion as that of sample problem 2. paragraph C. Section 5.:1.1.1. Find the side-force coefficient devel
oped by the vertical and ventral tails in the presence of a body at a ::; 12° and /3 ::; 4°.

r--a ____

V t •

Ogive cylinder. with slight boattail

Body Characteri~tics

d c 3.3:1 in.

Vertical Tail Characteristics

rl :: r2 ::; 1.5 ;0. (average values
in region of tail panels)

SVe :: 31.6 sq in.

\v. c 0.482

b, 0 7.48 in. 1.12

5.3.1.2-7



Ventral Tail Characteriatica

Su. ~ 8.:>4 aq in.

Au. ~ 0.428

bu ~ 3.05 in. Au. ~ 0.35

M ~ 2.01

Additional Characteristic8

a ~ 12° ~ 0.200 rod 13 ~ 4° ~ 0.070.ad

a: = va' t 13' ~ 12.65° ~ 0.221 rod B. ~ 144.0 aq in.

xl. ~ 21 $I (x mea.aured rrom D08e to 5O-percent..,hnnI point or MAC or exposed verticol panel)

At pnaitive ande or attack, verlicol~1 expnaed root-<:hnnI leadin, edce ia aft or ventral-fin expnaed root
chnnl leadinc edce.
Ventnl.l fin is oot influenced by presence of vertical tail at this angle or attack and Mach number.

Compute:

Step I. Determine the horizontol-tail contribution CVIl(ll)

CYftB) ~ 0 (horizontol tail om

Step 2. Determine the vertical tail cmtribution C Yv

Vertical tail interrerence and cf08a-<:ooplin, term C Yv",.,.,)

Determine K'v = 1.13 (ficure 5.3.1.1-250) at (.,1.,) = 1.000; (.,/b)v = 0.200; (.,'b)u = 1.000;:=:t :=:..
Determine K,.,v = 0.681 (ficure 5.3.1.2-12 at (.,/b)v =0.200)

<CNO)v = 2.12 per rod (baaed on Bv.) (sample problem 2, _ph C, Section 5.3.1.1)

B
C y"".,." = IK~ - K,.,v a tan ALEy I(-CNo)v 13 B~ (equation 5.3.1.2-<1)

= [1.13 - <0.681) <0.200) tan 32.5°) (-2.12) <0.0701 ( 31.6 )
144.0

= -0.0339 (baaed OD B.)

Ell'eet or body vortices on verticol tail cmtribution CYV( r
BI

x. = 10.6 (ficure 4.3.1.3-13& at a' = 12.65°)
•

a'lx - x.) ~ 0.221 (21.87 _ 10.6) = 2.49

•
'; =0.86 (fie-e 4.3.1.3-15 ot a' = 12.65")

21< Vr

Yo = 0.71 (ficure 4.3.1.3-14 ot a' = 12.65
0

)

•
Xo = 1.53 (II,..,.. 4.3.1.3-131>'" a: = 12.65°)
•
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(equation 5.3.1.2-0

(equstion 5.3.1.2-0

(equation 5.3.1.2-0

(equation 5.3.1.2-0

- I I~ - I 4 0'p:: lan -:- tan -:: IR.4
a 12

Calculate position or vortices at venieal tail

"", r [zo yo.]-:: - -0084>+ -SIn 4>
bv bv r r

~ 1.50 (1.53 coa 18.4° + 0.7Isi. 18.4°)
7.48

~ 0.336

Y., r [zo. Yo ]
-~- -s.. ¢--eos¢
bv bv r r

~ 1.50 (1.53 sin 18.4° - 0.7) cos 18.4°)
7.48

~ -0.038

z.. r [zo yo.]
-~- -cos¢--sm¢
bv bv r r

~ 1.50 (1.53 cos 18.4° - 0.71 sin 18.4°)
7.48

~ 0.246

Y.. r [zo. Yo ]-=- -8lD¢+-COS¢
bv by r r

~ 1.50 (1.53 sin 18.4° + 0.71 cos 18.4°)
7.48

~ 0.232

Find vortex interference (actor

iVI = -1.4

iV2 = -0.9 \ (figure 5.3.1.2-13&)

6iv = i., - i•• = (-1.4) - (-0.9) ~ -0.5

= 6i. [ rB ] (-CN4)Va'
S

V.

217 a' Vr (~v _1) Sw

= (-0.5)(0.86) (-2.12)(0.221l (31.6)

( 7.48 _ I) (144.01
1.5

~ O.Oll04(bBBed on Sw)

(equation 5.3.1.2-c)
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Total vertical tail contrlbuUon:

C y \, (equation 5.3.1.2·d

(-0.03391 <0.01104)

-0.0229 Ibased on Sw)

Step:~ Determine th(' ventral tail contribution C Yu

Ventral fin interference and cross-coupling tenn C Y1J(K, ¢)

Determine K~ :: 2.1 J (figure 5.3.1.1-25a) at (rl/r:;,) ::. 1.000; ('lib)" ; 0.492;
..dod
panel

(r1/bh
e.ialin.
panel

1.000

(no horizontal tail. and ventral fin is out of vertical tail innuence).

[)elenn,"e K¢u c 0.535 (figu,e 5.3.1.2-12 al ('lib)" c 0.492)

Dcttmnine <CNa)u using 2A ue

(eNa)u c 1.09 pe, 'ad (Seclion 4.1.3.2; based on S".)

Total ventral fin contribution:

(equation 5.3.1.2-g)

[ 2.11 + <O.535)(0209ltan 70·] 1-I.09)(0.070l( 8.54 )
144.0

; - 0.0109 (based on Sw)

Solution:

(equation 5.3.I.2-a>

o + (-0.0229) + (- 0.0109)

-0.0338 (based on Sw)
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5.3.2 TAIL-BODY SIDESLIP DERIVATIVE CI~

5.3.2.1 TAIL·BODY SIDESLIP DERIV ATIVE CI~ IN THE LINEAR
ANGLE-OF-ATTACK RANGE

The method of estimating the contribution of panels in the empennage to the sideslip derivative
CI~ is similar to that for estimating the contribution of panels in the empennage to Cn~. That is,

the side force generated by an added panel is multiplied by an appropriate moment arm in order to
obtain the rolling-moment contribution.

A refinement is required in the case of the contribution of a vertical panel (either an upper or lower
vertical panel), since the pressure field that is generated by the vertical panel is reflected on the
surface of the horizontal tail. These induced loads on the horizontal tail are perpendicular to this
surface and therefore do not significantly affect the vehicle yawing moments or side forces. They
do, however, contribute to the rolling moments and hence must not be neglected. The
rolling-moment contribution of the horizontal tail is positive (opposes that due to the vertical
panel) when the horizontal surface is in the low position with respect to the vertical panel. The
rolling-moment contribution has no effect when the horizontal tail is mounted near the midspan of
the vertical panel and is negative for the horizontal surface in the high position.

At subsonic speeds these contributions are usually small, and reasonable results are obtained when
they are neglected. (Actually they would be quite difficult to estimate.) At transonic speeds they
can be quite pronounced, because the pressure field of the entire horizontal surface is strongly
influenced by the presence of the vertical panel. At supersonic speeds the interferences are
restricted to regions on the horizontal surfaces within the boundaries defined by the shock-wave
pattern of the vertical panel. As the Mach number increases, the region of influence decreases
because the shock pattern becomes more swept. It is to be expected. therefore, that this
horizontal-tail effect will become less significant as the supersonic Mach number increases.

Because of the complexity of the problem, no method for predicting the effects of panels in the
empennage at transonic speeds is presented, and the method presented for supersonic speeds does
not account for the horizontal-tail contribution. However, the effect of the presence of a horizontal
tail is accounted for at supersonic speeds in computing the contribution of a vertical panel.

A.. SUBSONIC

The contribution of panels in the empennage to the vehicle sideslip derivative C1fJ is based on the
values of the panel contribution to Cy ~ estimated by the methods of Paragraph A of Section
5.3.1.1.

In addition to the pressure forces induced on the horizontal tail by the vertical tail, there can be
other forces for a configuration having either significant twist and/or dihedral on the horizontal tail.
If the horizontal tail is large relative to the wing, the effects of twist and/or dihedral may be worthy
of consideration. To consider these effects on the horizontal tail, the method of Section 5.1.2.1 is
used; i.e., treating the horizontal tail as an isolated wing. (Caution should be exercised to make
certain that the horizontal-tail contribution to C1 tJ is converted to the same reference area and

5.3.2.1-1



length Sw bw as the wing-body contribution, before adding them together.) However, since the
horizontal-tail contribution is very small for most configurations in the subsonic speed regime, the
method presented here neglects this contribution.

As mentioned above, reasonable results are obtained at subsonic speeds when the horizontal-tail
contribution is neglected. However, in using Method 3 of Paragraph A, Section 5.3.1.1, if a
horizontal tail is present in the empennage, its effect on the vertical-tail contribution must be
accounted for by proper use of the apparent-mass factor (K) charts. If Method; or Method 2 of
Paragraph A, Section 5.3.1.1 is used, the effect of a horizontal tail on the vertical-tail contribution
is implicitly accounted for by the method.

DATCOM METHOD

The contribution of a vertical panel to the sideslip derivative C, ~ is estimated by

Zp cos Q - ~p sin a

bw
5.3.2.I-a

where

p

5.3.2.1-2

is the subscript referring to the added vertical panel (either an upper vertical
stabilizing surface V or a lower vertical stabilizing surface U).

is the side force due to sideslip Of the added vertical panel determined as
follows:

For configurations with horizontal panels mounted on the body or with nO
horizontal panels, use Method I or Method 3 of Paragraph A, Section 5.3.1.1.

For configurations with horizontal panels mounted on the vertical panel, use
Method I of Paragraph A, Section 5.3.1.1.

For twin-vertical-panel configurations, use Method 2 of Paragraph A, Section
5.3.1.1.

is the distance in the z-direction (normal to the longitudinal body axis)
between the moment reference center (usually the vehicle center of gravity)
and the MAC of the added panel, positive for the panel above the body.

is the distance parallel to the longitudinal body axis between the moment
reference center (usually the vehicle center of gravity) and the quarter-chord
point of the MAC of the added panel, positive for the added panel behind the
moment reference center. The aerodynamic center of the vertical panel could
be used, but the inaccuracies of the basic method do not warrant this degree of
refinement.

is the span of the wing.



All geometry used in detennining the moment anns for the above method is based on the vertical
panel extended to the body center line.

For a wingless configuration, bw is replaced by the vehicle reference length and (ACy ~)p is based
on the vehicle reference area.

Results calculated at zero angle of attack by this method are compared to experimental data in
Table 5.3.2.I-A. The detailed geometry of the configurations used in this table is given in Table
5.3.1.1-8. It should be noted that the values of ACy~ used in Table 5.3.2.I-A are not test data,
but are calculated by the method of Section 5.3.1.1. The errors inherent in estimating ACy ~ are
therefore implicitly included in Table 5.3.2.I-A. However, the errors due to ACy ~ and those due
to the moment arm can be separated by comparing the errors for a given configuration from Table
5.3.1.1-B (for ACy~) with those of Table 5.3.2.I-A (for ACI~)'

Sample Problems

1. Given: The configuration of Reference I consisting of a wing, body, horizontal tail, and
upper vertical tail. This is the same configuration as that of Sample Problem I,
Paragraph A, Section 5.3.1.1. Some of the characteristics are repeated.

Wing Characteristics:

Sw = 576.0 sq in.

Additional Characteristics:

bw = 41.56 in.

Compute:

M = 0.25 2" = 24.89 in. (e.g. to (c/4)y) Zy 5.78 in. (e.g. to (MAC)v)

Solution:

-0.734 per rad (based on Sw) (Sample Problem I, Paragraph A, Section
5.3. J.l)

Zp tosa - i!p sin a

bw
(Equation 5.3.2. I-a)

(AC1~) Y(WBH)

Zv cos a - ev sin a

(ACy ~) Y(WBHl bw

(
5.78 cos c< - 24.89 sin c<)

= -0.734 41.56 per rad (based on Sw bw)

5.3.2.1-3



Test results from Reference I are listed in Column 6 of the calculation table.

(,) (2) (3) (4) (6) (6)
Zv cos 0: - Qv sin Q

("C/;A,(WBHI ("C/;A,(WBH)• Zv COIllI llv sin 0:

(d..1 (in.) (in.) bw -0.734 0 ltest)

(0) - 0] /41.56
(per red) (per red)

0 6.780 0 0.1390 -{l.1020 -0.0877

2 5.771 OB70 O."aO -{l.0866 -{l.0602

4 6.766 1.740 0.0967 -0.0710 -{l.0663

6 6.760 2.800 0.0768 -{l.0666 -{l.Q464

2. Given: The configuration of Reference 2 consisting of a wing, body, horizontal tail, and
vertical tail. This is the same configuration as that of Sample Problem 3, Paragraph
A, Section 5.3.1.1. Some of the characteristics are repeated.

Wing Characteristics:

Sw = 324 sq in.

Additional Characteristics:

bw = 36.0 in. Zw = 0

M = 0.13 2y = 16.70 in. (c.g. to (cf4ly) Zy = 3.78 in. (c.g. to (MAC)y)

Compute:

Solution:

-0.375 per rad (based on Sw) (Sample Problem 3, Paragraph A, Section
5.3.1.1)

Zp COSQ - 2
p

sin IX

bw
(Equation 5.3.2.I-a)

Zy coso< - 2y sin 0<

= (acy ~)Y(WBH) bw

5.3.2.1-4

(
3.78 coso< - 16.70 Sino<)

= -0.375 36.0 per rad (based on Sw hw )



Test results from Reference 2 are listed in Column 6 of the calculation table.

0) G) (3) (4) (6) (6)
Zv COIOl-l1:

V
lin (ll

("'CI~(WBH) eC'tJvIWBHI• Zv cos Q fl
v

lin 01

(d..1 finJ fin.) bw -0.376 0 It_t)

[(2) - (3")] /36.0
(per ntd) (per r.d)

0 3.780 0 0.105 -{l.0394 -0.0401

2 3.718 0.682 0.0887 -{l.0333 ---0.0287

4 3.771 1.166 0.0723 -0.0271 -0.0115

6 3.759 1.745 0.0560 -0.0210 -0.0057

B. TRANSONIC

A brief discussion of the flow phenomena associated with a vertical panel at transonic speeds is
given in Paragraph B of Section 5.3.1.1. The rolling moments due to the vertical panel are partly
determined by the transonic lift-curve-slope characteristics of the isolated tail and partly by the
wake and wash characteristics of the wing-body combination. In addition, the impingement on the
horizontal-tail surface of the pressure field generated by the vertical panel can cause rolling
moments. This latter effect can be large, since the pressure field at transonic speeds is frequently
strong and is propagated to large distances from the source. The entire horizontal surface is
therefore usually immersed in the field of the vertical panel.

DATCOM METHOD

Because of the complexity of the problem, no explicit method is available in the literature for
estimating the contribution of a vertical panel to Q~ at transonic speeds Bnd none is presented in
the Datcom. Some examples of the limited data available in the literature are shown in Figure
5.3.2.1-13.

C. SUPERSONIC

The procedure for estimating the rolling-moment contribution due to vertical panels at st.;!.,s mic

speeds is essentially the same as that at subsonic speeds. That is, the rolling-moment contributic;' "
a vertical panel is based on the sideslip derivative /iCy ~ as obtained from Section 5.3.1.1. The
problem of estimating the forces generated on vertical panels is complicated by the presence of
shock waves. This effect is discussed in Paragraph C of Section 5.3.1.1.

As stated in the introduction to this section, no method is available for determining the
horizontal-tail contribution to the derivative C/~. However, the effect of the horizontal tail on the
vertical-tail contribution is accounted for by proper use of the apparent-mass factor (K) charts in
determining the vertical-panel side force.

This method is limited to configurations in which the horizontal tail is mounted on the body or
configurations with no horizontal tail.

5.3.2.1-5



DATCOM METHOD

The contribution of a vertical panel to the sideslip derivative C/~ at supersonic speeds is given by
Equation 5.3.2.I-a.

where the subscript p, zp' and bw are defined in Paragraph A, and

is the side force due to sideslip of an added vertical panel obtained from
Paragraph C of Section 5.3.1. I. (If a horizontal panel is present, its effect on
the vertical panel must be included.)

is the distance parallel to the longitudinal body axis between the moment
reference center and the 5O-percent-chord point of the MAC of the added
vertical panel, positive for the panel aft of the moment reference center. The
aerodynamic center of the vertical panel could be used, but the inaccuracies of
the basic method do not warrant this degree of refinement.

All geometry used in determining the moment arms of the vertical panels is based on the exposed
panel.

For a wingless configuration the remarks following the Datcom method of Paragraph A above are
also applicable here.

Results calculated at zero angle of attack by this method are compared to experimental data in
Table 5.3.2.1-8. The detailed geometry of the configurations used in this table is given in Table
5.3.1.1-e. It should be noted that the values of ~Cy~ used in Table 5.3.2.1-8 are calculated by the
method of Paragraph C of Section 5.3.1.1.

Sample Problems

I. Given: The configuration of Reference 3 consisting of a wing, body, horizontal tail, and
upper vertical stabilizer. This is the same configuration as that of Sample Problem I,
Paragraph C, Section 5.3.1.1. Some of the characteristics are repeated.

Wing Characteristics:

Sw = 160.4 sq in.

Additional Characteristics:

hw = 25.31 in.

5.3.2.1-6

M = 1.61 2v = 11.40 in. (e.g. to (e/2ly )
•

Zy = 4.0 in. (e.g. to (MACly )
•



Compute:

(~('-y ~) Y(WBH) =

Solution:

-0.529 per rad (based on Sw) (Sample Problem I, Paragraph C, Section
5.3.1.1)

(Equation 5.3.2.I-a)

(
zvcoso:-flvsina

(~C ) = ~C )
I~ Y(WBH) Y P Y(WBH) bw

= 0.529 (4.0 cos", - 11.40 Sin",)
25.31 per rad (based on Sw bw)

Test values from Reference 3 are listed in Column 6 of the calculation table.

(i) (2) (3) (4) (6) (6)
Zv cos a - 2v sin Q

("'CI~ ("'cl~• Zv COl Q: l1:
v

lin Cl (WBH) (WBH)

I~..I lin'! (in.) "w -0.629 0 ltest)

[0 -G)ll25.31
(per fad) (per rad)

0 4.000 0 0.158 -0.0836 -0.1010

2 3.998 0.398 0,143 -0.0756 -0.0930

4 3.990 0.796 0.126 -0.0667 -0.0803

6 3.978 1.191 0.110 --0.0582 -0.0641

2. Given: The configuration of Reference 4 consisting of a wing, body, upper vertical
stabilizer, and lower vertical stabilizer. This is the same configuration as that of
Sample Problem 2, Paragraph C, Section 5.3.1.1. Some of the characteristics are
repeated.

Wing Characteristics:

Sw = 144.0 sq in.

Additional Characteristics:

bw = 24.0 in. zw = 0

M = 2.01 ~Y = 12.0 in. (e.g. to (c/2ly )
•

zY = 4.15 in. (e.g. to (MACly )
•

5.3.2.1-7



Compute:

(~Cy ~) V(WBU)

Solution:

: -0.583 per rad (based on Sw) (Sample Problem 2, Paragraph C, Section

5.3.1.1 )

Zp cos a - f p siner

bw
(Equation 5.3.2.I-a)

'v coso< - 2v sina

: -0.583 (
4.15 cos a- 12.0 sin a)

24.0
per rad (based on Sw hw )

Test values from Reference 4 are listed in Column 6 of the calculation table.

Zv COl (I 2v lin Q

("C';!v(WBUI ("C';!v(WBUI• Zv co. a 2v sin Q;

(d..1 (in.) UnJ bw -0.583 8 {tm.1

[0 -0]/24.0
(per redl (per red)

0 4.160 0 0.173 -0.1010 -0.0745

2 4.147 0.419 0.155 -0.0905 -0.0774

4 4.140 0.839 0.139 -0.0806 -0.0903

8 4.127 1.254 0.120 -0.0700 -0.0830

D. HYPERSONIC

A general discussion of hypersonic flows is given in the introduction to Paragraph 0 of Section
4.1.3.3 and in several standard texts. No explicit method exists for estimating the contribution of
an added tail panel to the sideslip derivative C,~ at hypersonic speeds.

The supersonic method for estimating the derivative (~Cy~ l (Paragraph C, Section 5.3.1.1) has
been substantiated to reasonably high Mach numbers (6.86fand can be used for estimating the
contribution of an added vertical panel, as in Paragraph C above. However, the method should be
applied with caution, since the basic assumptions. are increasingly violated as the Mach number
increases. The hypersonic small-disturbance theory and Newtonian theory can also be used to
estimate the forces and therefore the moments on the vertical panel. Newtonian flow, however, is
limited to the upper range of hypersonic Mach numbers.

5.3.2.1-8



DATCOM METHODS

Method I

Extended Supersonic Method

The method described in Paragraph C of this section can be used up to Mach numbers of
approximately 7.

Method 2

Hypersonic Small-Disturbance Theory

Equation 5.3.2.1-a can be used to estimate hypersonic values of the vertical-panel contribution
(!:ICt~)v, where (!:ICy~L in this equation is obtained from Equation 5.3.I.I-h, and ~p is

determined as in ParagraphCabove.

Method 3

Newtonian Theory

Equation 5.3.2.I-a is again used, but the vertical-panel contribution (!:ICY ~)y in this equation is

based upon the use of Equation 5.3.1.1-i for this case, and ~p is determmed as in Paragraph C
above. This method is most successful in the upper range of hypersonic Mach numbers.

Because of the general lack of test data in this speed regime, no substantiation tables are presented.

Sample Problem

Method 2

Given: The configuration of Reference 5. This is the same configuration as that of the sample
problem, Paragraph D, Section 5.3.1.1. Some of the characteristics are repeated.

Wing Characteristics:

Sw = 19.15 sq in.

Additional Characteristics:

hw = 5.60 in.

Compute:

M = 5.0

0.795

5.60

Zy = 0.795 in. (e.g. to (MAC)y )
•

= 0.142

'" = 0

5.3.2.1-9



(t.Cy~) v = -0.86 per rad (based on Sw) (Sample Problem. Paragraph D. Section 5.3.1.1)

Solution:

Zp cos a - 2p sin 0:

( t.CI~) V
= (t.Cy~)p (Equation 5.3.2. I-a)

bw

(t.CI~)v (t.Cy~) v
Zy

= (a = 0)
bw

= -0.86 (0.142)

= -0.1 22 per rad (based on Sw bw )

This corresponds to an experimental value (based on Sw bw) of -0.1146 per radian obtained from
Reference 5.

REFERENCES
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1955. lUi

3. Spearm.... M. L: Static lateral and Directional Stability and Effective Sidewash Characteristics of 8 Model of 8 350
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TABLE 5.3.2.I·A'

SUBSONIC CONTRIBUTION OF VERTICAL PANELS TO C"

DATA SUMMARY AND SUBSTANTIATION

Configuration Panel
(6C yf3 }y (6 C'f3}Y (6C'f3}y Percent

Ref. 2 M Calc. Zv
Calc. Test Error

Sketch Added b;
(per rad) (per rad) (per rad) e

.25 BWHVs·BW -.481 .121 -.058 -.060 3.3

.25 BWHV,,·BW -.734 .139 -.102 -.091 12.1

4 .25 BVs·B -.428 .121 -.052 -.065 20.0
6

..J- .25 BV,,·B -.578 .139 -.080 -.102 21.6

.25 BHV,.·BH -.597 .139 -.083 -.095 12.6

.25 BHVs-BH -.431 .121 '---.052 -_058 10.3

/l
-"" .17 BV·B -.254 .095 -.024 -.023 4.3

--J--
4<

8 .17 BV·B -.317 .107 -.034 -.034 0

~

<J
.17 BV-B -.446 .130 -.058 -.071 18.3

.17 BW,V-BW, -.468 .130 -.061 -.069 11.6..---

~
.17 BW,V-BW, -.409 .130 -.053 -.052 1.9

--
.17 BW,V-BW, -.528 .130 -.069 -.080 13.7

4--<
9

--&-
.6 BWHV-BW -.575 .125 -.072 -.069 4.3

--

- a
10

<' .13 BWHV-BW -.426 .126 -.054 --.057 5.3

-6- .

L Refer toTable 5.3_1.1-8 for configuration data
2. These references are found in Section 5.3.1.1

5.3.2.1-11



TABLE 5.3.2.I·B'

SUPERSONIC CONTRIBUTION OF YERTICAL PANELS TO CIa

DATA SUMMARY AND SUBSTANTIATION

Panel
(II CYIl)v (IIC'/l)v (II C,Il ) V Percent

Configuration "v
Ref.' M Calc. b; Calc. Test Error

Sketch Added
(per rad) (per rad) (per rad) e

L -{] 1.61 BY·B -.525 .158 -.083 -.083 0
16

---b- 1.61 BWHY ·BWH -.529 .158 -.084 -.101 16.8

1.61 BWY.·BW -.358 .145 -.052 -.049 6.1

;1
2.01 BWY.·BW -.335 .145 -.048 -.034 41.2

/ 1.61 BWHY•.BWH -.368 .136 -.050 -.043 16.3
17

A 2.01 BWHY.·BWH -.335 .145 -.048 -.034 41.2

1.61 BWHY.".BWH -.424 .151 -.064 -.054 18.5

1.61 BWHY "'%·BWH -.471 .146 -.069 -.060 15.0

f\
I 1.41 BWV·BW -.836 .182 -.152 -.126 20.6

18

~
2.01 BWY·BW -.545 .182 -.099 -.103 3.9

-/1 1.41 BWY·BW -.842 .182 -.153 -.126 21.4
18

~
2.01 BWY·BW -.540 .182 -.098 -.100 2.0

/( 1.41 BWY·BW -.792 .182 -.144 -.126 14.3
18

~
2.01 BWY·BW -.542 .182 -.099 -.092 7.6

- <{ 1.41 BWV·BW -.706 .182 -.128 -.097 32.0
18

~
2.01 BWY·BW -.586 .182 . -.107 -.086 24.4

<: a
-.860319

--&-
5.0 BWV·BW .142 -.122 -.123 .8

I. Refer toTable 5.3.1.1.{; for configuration data
2. These references are found in Section 5.3.1.1
3. Refer to SBmpleProblem. Paragraph D. Section 5.3.1.1
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5.3.3 TAIL·BOIlY SIDESLIP DERIVATIVE Cn "

5.3.3.1 TAIL-BODY SIDESLIP DEHIVATIVE Cn" IN TIlE LlNEAH A~GLE-OF-ATTACK HANCE

The contribution of panels present in the empennage to the vehicle sideslip derivative C''nj3 is estimated by the meth
ods of this Section. The methods generally include the interference effects of other vehicle components.

Detailed discussion of the various aerodynamic aspects of adding tail panels to night vehicles is given in Section
5.3.1.1 and is not repeated here.

A. SUBSONIC

The methods of estimating the contribution of panels prt's~nt in the empennage to the sideslip derivative Cnft
are 'based on the methods for estimating the contribution of panels present in the empennage to the sideslip deriva
tive C Y/3 in Section 5.3.1.1. The moment arm through which the pmel side force acts can be taken as (8) the dis
tance parallel to the longitudinal axis between the vehicle center of gravity and the quarter-cho:-d. point of the mean
aerodynamic chord of the panel or (b) the distance parallel to the longitudinal axis between the vehicle center of
gravity and the actual aerodynamic center of the panel~ In most cases the former approximation is used. since the
inaccuracies of estimating the side force of the panel do not warrant the refinements of (bL For short~oupled

configurations, however. where the tail-length distance is relatively short and the size of the panel may be large,
significant differences between results estimated by (a) and (b) may result; in such cases (b) is recommended.

DA TeOM METHOD

Method 1

Simpl ified Method

The contribution of a panel to the sideslip derivative Cnfj at subsonic speeds is given by

. 4
(flCnn ) ~ - (LlCyfl ) -.

i'I' JI by,

where the subscript p refers to panels prescnt in the empennage

5.3.3.I-a

hw

Method 2

is the side force due to sideslip of the added panel determined 85 follows:

Vor configurations with the horizontal panel mounted on the body. or with no horizontal panel,
u.e Method 1 or Method 3 of paragraph A, Section 5.3.1.1.

For configurations with the horizontal panel mounted on the vertical, usc Method 1 of para
graph A, Section 5.3.1.1.

For twin-vertical panel configurations, use Method 2 of paragraph A, Section f}.3.l.t.

is the distance parallel to the longitudinal axis between the mom(mt reference center (u~ually

the vehicle center of gravily) and the quarter-ehord lx>int of the MAC of the added p8Jwl. posi
tive for the added panel behind the moment reference center.

is the span of the wing

Refined Method

In this case the contribution of a panel to the sideslip derivative Cn,8 is given by

5.3.3.I-b
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"heft' C,\CYf)p' 1p ' and bw arc defined in Method 1 above. and

(x•.c)p is t1le di",tance between the quarter-chord point of the MAC of the added panel 8S determined
from paragraph A of Section 4.1.4.2, positive for the a.c. behind the quarter-ehord point. (In
determining the vertical panel a.c. use the aspect ratio of the panel mounted on an infinite
reflection plane.)

All geometry for the added panel of these methods is based on the panel extended to the body centerline.

Methods 1 and 2 of paragraph A, Section 5.3.1.11unp the total empennage increment in CYj3 into a single parameter.
On the other hand. Method 3 gives the increment due to the addition of one panel <either 8 horizontal or vertical
panel) including the mutual aerodynamic interference effects of all other panels presenl. An extension of Method 3
to determine the total empennage side force due to sideslip at subsonic speeds which results from the addition of
all panels pres<'flt in the empennage is presented in paragraph A of Section 5.6.1.1.

For a wingless configuration, b w is replaced by the reference length for the vehicle, and (6Cyfi )p is based on the
vehicle reference area.

Table 5.3.:J.l·A compares results calculated by Method 1 with test data. The test cases (or this table are the same
as those used for table 5.3.1.1-8. Pertinent detailed infonnalion (or table 5.3.3.1-A is therefore found in table
5.3.1.1-8 and is not repealed.

Sample Problems

1. Method 1

Given: The configuration of reference 1, consisting of wing, body, horizontallail, and upper vertical tail. This is
the same configuration as that of sample problem I, paragraph A, Section 5.3.1.1. Some of Ute characteristics
arc repeated. Find the effect of adding the vertical tail to the wing·bQdy-horizontal tail configuration.

Wing Characteristics

Sw 576.0 sq in. bw 41.56 in. Zw ::: 0

Additional Characteristics

M = 0.25 Iv 24.89 in. (e.g. to (c/4)v)

Compute:

!l:.
bw

24.89
41.56

0.599

(tlCy,ll)V(WBH) -0.734 per rad (based on Swl (sample problem I, paragraph A, Section 5.3.1.1)

Solution:

I- (tlCy.) .=
,.., P bw

(equation 5.3.3.I-a)

- (-0.734) <0.599)

= 0.440 per rad (baaed on Swbw)

Thi8 compares with an experimental value of 0.415 per radian obtained from reference 1.

2, Method 1

Gi....: ".., conf\JIUlltion or rererenee 2, consistinll or wing, body, horizontal tail, and .erticaltail. This is the
SODle contiguratioo as that or sample problem 3, paragraph A, Section 5.3,1.1. Some or the characteristics
are repeated, Find the effect or adding the .ertical tail to the wing-body-horizontal tail combination.
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Sw .,. 324 sq in. bw = 36.0 in.

Wing Characteristics

Zw :: 0

Additional Characteristics

M 0 0.13

Compute:

16.70 in. (e.g. to (c/4)v)

0.464

(6CY/l)V(WIUO -0.375 per rad (based on Sw) (sample problem 3. paragraph A, Section 5.3.1.1)

Solution:

(equation 5.3.3.1-a)

-(-0.375) <0.464)

0.174 per rad (based on Swbw)

This compares with an experimental value of 0.178 per radian obtained from reference 2.

B. TRANSONIC

A brief discussion of the now phenomena associated with forces generated on a vertical panel at transonic speeds
is given in paragraph B of Section 5.:3.1.1. As in the case for the vertical tail contribution to CY{J' the transonic
characteristics of the sideslip derivative C"tl are closely associated with the transonic lin-<:urve~lopc character
istics of the isolated panel (SL'C introduelion to paragraph B of Seelion 4.1.3.2).

DATCOM METHOD

No method is available for estimating the contribution of a tail panel to the sideslip derivative CnJ3 and none is
presented in the Dateom. Figure 5.3.3.1-11 presents some available information for this derivative.

C. SUPERSONIC

As in the subsonic case, the method of estimating supersonic values of (6Cnfl )p is based on the values of
(6CY{j) estimated by the method of Scction 5.3.1.1. The problem ofcstimating the forces generated on vertical
panels is complicated by the presence of shock waves. See paragraph C of Section ~.3.1.1 for a detailed descrip
tion of this method. The moment ann through which the added vertical panel side force acts can be taken as (a) lhe
distance parallel to the longitudinal axis between the vehicle center of gravity and the 5O-percent-ehord point of
the mean aerodynamic center of the vertical panel, or (b) the distance parallel to the longitudinal axis between lhe
vehicle center of gravity and the actual aerodynamic center of the vertical panel. For short-<:oupled configurations
the latter approximation is, of course, more accurate. At supersonic speeds the centroid of area of the region of
interference approximates the moment ann in the case of the increment gained by adding 8 horizonlal surface.

This method is limited to configurations in which the horizontal tail is mounted on the body or coofigurations with
no horizontal tail.
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DATCOM METHODS

Method I

Simplified Method

The contribution of an added panel (either a horizontal or vertical panel) to the sideslip derivillivl' Cn,/3 at sUJler
sonic speeds is given by equation 5.3.3.1-8

(I\e"!' ).
1-(6C y ") -""

I-' P bw

where the subscript p and h w are dermed in paragraph A, and

is the side force due to sideslip of an added panel obtained from paragraph C of 8(>(.:tioo
5.3.1.1

is the distance parallel to the longitudinal axis between the vehicle moment ccnter and the
5O-percellt-chord point of the MAC of an added vertical panel, positive fur the vertical flal1l~1

aft of the vehicle moment center. In the case of the increment gained by adding a horizontal
panel, lp is the distance parallel to the longitudinal axis hctwpen the vehicle ffiOffiC'nl center
and the centroid of area of the region of interference, positive for the horizontal panel aft of
the vehicle moment center. (See sketch (c) of Section 5.3.1.1 for definition of area of region
of interference.)

Method 2

Refined Method

For a more refined estimate of the contribution of an added panel to the sideslip derivative Cnf3 ' equation 5.:l.:3.1
is used

[J" , (x•.,M
bw

where (6C y,8)p' l p , and b w are defined in Method 1 above, and

• (xa.c)p is the distance paraIle! to the longitudinal axis between the 5O-percent-ehord point of the
MAC of an added vertical panel and the aerodynamic center of the added panel obtained from
paragraph C of Section 4.1.4.2, positive for the a.C. behind the 5O-percent·chord point. (In
detennining the vertical panel a.c. use the aspect ratio of the isolated panel mounted on an
infinite reflection planeJ

In the case of the increment gained by adding a horizontal panel, the moment ann is ueatcd as in Method 1 above.

All geometry used in determining the moment arms of the vertical panels in the above methods is based on the
exposed panel.

For a wingless configuration the remarks following the Dsteom methods of paragraph A above are also applicable
here.

Table 5.3.3.1-8 compares results obtained by Method 1 with. experimental data. The test configurations used in
this table are the same 8S those used in Table 5.3.1.1-C. Detailed geometric variables are given in this latter
table.

Sampl. Problems

I. Method 1

Given: The configuration of reference 3 consisting of wing, body, horizontal tail, and upper vertical stabilizer.
This is the same configuration as that of sample problem I. paragraph C, Section 5.3.1.1. Some of the char
acteristics are repeated. Find the effect of adding the vertical tail to the wing-body-horizontaJ tail combi
nation.
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Sw 160.4 sq in. bw ~ 25.31 in.

Wing Characteristics

Zw :; 0

M ~ 1.61

Additional Cbaracteristics

Iv ~ 11.40 in. (c.g. to (0/2) v.)

Compute:

!Y. 11.40 ~ 0.450
bw 25.31

(/lCy~) V(WIlH) ~ -0.529 per rad (baaed on Sw) (sample problem 1, paragrapb C, Section 5.3.1.1)

Solution:

(equation 5.3.3.1-a)

~ 0.238 per rad (based on Swbw)

This compares with an experimental value of 0.218 per radian obtained from reference 3.

2. Method 1

Given: The configuration of reference 4 consisting of wing. body. upper vertical stabilizer; and lower vertical sta
bilizer. Thia is the .ame configuration as that of aample problem 2, paragraph C, Section 5.3.1.1. Some of
the cbaracteri.ucs are repeated. Find the effect of adding the upper vertical stabilizer to the wing-body
lower vertical stabilizer combination.

bw ~ 24.0 in.Sw ~ 144.0 sq in.

M ~ 2.01

Wing Characteristica

Zw = 0

Additional Cbaracteristics

Iv ~ 12.00 in. (c.g. to (0/2) v.)

Compute:

l y ~ 12.00 ~ 0.500
bw 24.0

(/lCyp)V(WBlJ) ~ -0.583 per rad (ba.ed on Sw) (sample problem 2. paragraph C, Section 5.3.1.1)

Solution:

~ -(/ICy.> l2.
~ P bw

(equation 5.3.3.1-0)

A ~
(/lC.~)V(WBlJ) ~ -(uCY~)v(WBlJ) b

w

~ -(-0.583) (0.500)

~ 0.2915 per rad (based on Swbw>

This compares with an experimental value of 0.277 per n.dian obtained &om reference 4.
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[) IIYP!':HSONIC

i\ gelleral discussion of hypersonic nOWti is given in the introduction to paragraph D of Section 4.1.3.3 and in sev
t'ral standard text-e,_ No explicit methocl exists for estimating the contribution of an added tail panel to the sideslip
derivative C~ at hypersonic speeds.

The supersonic melhcxl for estimating the derivative (lI.CY.o)p (paragraph C. Section 5.3.1.1) has been substantiated
to rt.>3sonably high Mach numbers (6.86) and call be used for estimating (6C"fi)p 8S in paragraph C above. However,
Uw method should be applied with caution, since the basic assumptions are increasingly violated as the Mach num
reT increases. The hypersonic small-disturbance theory and Newtonian Theory CWI also be used to estimate the force~

and therdore the moments on the vertical panel. Newtonian now, however, is limited to the upper range of hyper
sonic Mach numbers.

DATCOM METHODS

Method I

Extended Supersonic Method

The method described in paragraph C can be used up to Mach numbers of approximately 7.

Method 2

Hypersonic Small-Disturbance Theory

Equation 5.3.a.l~a or 5.3.3.1-b can be used to estimate hypersonic values of (6C nj3 )v' where (6CyB )v is obtained
from l~quation 5.3.1.1-h and Iv is 8S defined in paragraph C above. This method is generally limited to small angles
of now deflection.

Method 3

Newtonian Theory

Equation 5.3.3.1-a or 5.3.3.1-b can be used. but (6C y )v is obtained by using equation 5.3.1.1-i to detennine C"
in this case. I" is as defined in paragraph C above. ?his method is most successful at the high hypersonic Mach
numbers.

Because of the general lack of lest data in this speed regime. no substantiation table is presented.

Method 2 Sample Problem

Given: The configuration of reference 5. This is the same configuration as that of the sample problem, paragraph
D, Section 5.3.1.1. Some of the characteristics are repeated. Find the effect of adding the vertical stabilizer
to the wing-body configuration.

Wing Characteristics

19.15 sq in.

M 0 5.0

Compute:

~ 2.79 0 0.499
bw 5.60

b w 5.60 in.

Additional Characteristics

Iv 0 2.79 in. kg. to (c12lv)

-0.86 per rad (based on Sw) (sample problem, paragraph D, Seetion 5.3.1.1l

Solution:

(equation 5.3.3.1-a)
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-(-0.';',) iliA!!!))

O.4:JO per rad (bas<.>d on Swb'l\')

This ('orTesl)(mds to nn experimental value of 0.59 per radian obtained from reference 5.
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TABLE 5.3.3.1-A•.•.•

SUBSONIC CONTRIBUTION OF VERTICAL PANELS TO C••

DATA SUMMARY AND SUBSTANTIATION

Configuration Panel
(/I C YIl )v Iv (/lC·Il )" (/I C.Il )" Percent

ReP M Calc. bw Calc. Test Error
Sketch Added

(per rad) Method 1 (per rad) (per rad) e

.25 BWHV.-BWH -.481 .463 .223 .24 7.1

.(j
.25 BWHVL-BWH -.734 .443 .325 .31 4.8

.25 BV.-B -.428 .620 .265 .31 14.5
6 -b- .25 BVL"B -.578 .599 .346 .39 11.3

.25 BHVL-BH -.597 .599 .358 .41 12.7

.25 BHV.-BH -.431 .620 .267 .32 16.6

4
.17 BV-B -.254 .58 .147 .14 5.0

--!-

c 4
8

-J-
.17 BV-B -.317 .57 .181 .18 .6

I

<J
.17 BV-B -.446 .56 .250 .26 3.8

< .17 BW.V-BW. -.468 .56 .262 .25 4.8

~
.17 BW,V-BW. -.409 .56 .229 .18 27.2

.17 BW.•V-BW, -.528 .56 .296 .30 '.3

<: m .6 BWHV·BW -.575 .425 .244 .23 6.1
9

~
.6 BV·B -.492 .425 .209 .24 12.9

-= - Q .13 BWHV.BW -.426 .464 .198 .21 5.7

~ .13 BHV-BH -.504 .464 .234 .22 6.4

10

Q< -
---6=-

.13 BHV-BH -.506 .464 .235 .21 11.9
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TABLE 5..U.I·A',··' (CONTD)

Confij:!;uratitln Panel
C6C Ye ), 1,· (6CIl~)\ C';CIl ,L3)\ Pcrccnt

Ref.'
Skekh

M
Added

Calc. bw Calc. Test Error
(per rad) Method I (per rad) (per rad) e

---- - q
10

--:L-
.13 BHY·BH -.497 .464- .230 .20 15.0

1. This table is a condensed fonn of that appearing in reference 2.
Additional subslantiation can be obtained from this reference.

2. Refer t.o table 5.3.I.I-B for configuration data.

3. These references are found in Section 5.3.1.1.

TABLE 5.3.3.I·B'····

SUPERSONIC CONTRIBUTION OF YERTICAL PANELS TO C.,

DATA SUMMARY AND SUBSTANTIATION

Conli~uration Panel
(LlCyp)v

Iv
(LlC"p) v (flC"pIV Percent

Ref.~
Sketch

M
Added

Calc.
bw

Calc. Test Error
(per rad) (per rod) (per raet) e

<" 9-15

~
1.82 BWY·BW -.589 .768 .453 .43 5.3

~{j 1.61 BY·B -.525 .450 .236 .22 7.3.,,-/
16

~
1.61 BWHY ·BWH -.529 .450 .238 .218 92

/ ==-::2 2.01 BWHU·BWH -.056 .4.19 .025 .034 26.5
14

.6
2.01 BWHUY·BWHU .525 .575 .302 .30 .7

I

1.61 BWY..·BW -.35M .403 .144- .14 2.9

2.01 IIWY..·IlW ...335 .403 .I:l5 .12 12.5

~ ~4 1.61 IlWHY...BWH -.:1611 .403 .14:: .15 1.3
17

,\ 2.01 BWHV..·BWH ··.335 .403 .135 .12 12.5

1.61 IIWHV.... ·BWH --.424 .414 .176 .17 3.5
-

1.01 RWHV IH~\ ·BWH .471 .410 .193 .17 1.1.5
--
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TABLE 5.3.3.1.B····· (CONTD)

(/lCyll ),-
.

Configuration Panel Iv
(/I COil) v (/I COil) v Percent

Ref.]
Skd<h

M
Added

Cok:.
bw

Calc. Te!.lol Error
(penad) (per rod) (per Tad) •

f\
IAI BWV·BW -.836 .465 .389 .37 5.1- -=-~

18
~ 2.01 BWV·BW -.545 .469 .256 .31 li.4

-=A 1.41 BWV·BW -.842 .564 .475 .42 13.1
18

----6- 2.01 BWV·BW -.S40 .564 .305 .30 1.7

- 4 1.41 BWV·BW -.792 .630 .49CJ .45 10.9
18

-J>- BWV·BW -.542 .6302.01 .312 .30 14.0

- « 1.41 BWV·BW -.706 .748 .528 .36 46.7
18

~
2.01 BWV·BW -.586 .748 .438 .32 36.9

.,....- - 81
20 6.86 BWHUV·BW -.315 .645 .203 .18 12.8

-+-
NOTES:

I. This llIbIe is a coadeaaed form of that -me in reference 2.
Addit.iooal oubalant.iat.ioo can be obtained 110m this ",ference.

2. Ref... ", llIbIe 5.3.1.1-<: for cooliguration data.

3. These ref_ are fouad in Sect.ion 5.3.1.1.
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5.3.3.2 TAIL·BODY YAWING·MOMENT COEFFICIENT Cft AT ANGLE OF ATTACK

The tail-body yawing moment developed at combined angles is nonlinear with respect to both
sideslip and angle of attack because of the body-vortex induced sidewash on the upper vertical tail
and the cross-coupling of upwash and sidewash velocities. To obtain the derivative Cnu ' it is
recommended that Cn be calculated at several angles of attack for a small sideslip angle (J3";;; 40 ).

Then, at each angle of attack, the yawing moment is assumed linear with sideslip for small vatues of

" so that

Cn

A. SUBSONIC

The comments appearing in Paragraph A of Section 5.3.1.2 apply here also. The method presented
herein is restricted to first-order approximations at relatively low angles of attack.

DATCOM METHOD

It is recommended that the method of Paragraph A of Section 5.3.3.1 be used in the linear-lift
angle-of-attack range.

B. TRANSONIC

The comments appearing in Paragraph B of Section 5.3.1.2 apply here also and will not be repeated.

DATCOM METHOD

No method is available for estimating this coefficient at angle of attack and none is presented in the
Datcom.

C. SUPERSONIC

The comments in Paragraph C of Section 5.3.1.2 apply here also. As noted therein, the method for
determining the side-force coefficient at angle of attack does not account for wing-tail interference
effects. The yawing-moment coefficient at angle of attack for a configuration including a wing at
supersonic speeds must be obtained from Paragraph C of Section 5.6.3.2.

DATCOM METHOD

The method for estimating the empennage contribution to the yawing moment at combined angles
is essentially that of Section 5.3.1.2. The yawing-moment coefficient is obtained simply by applying
the proper moment arms to the various side-force coefficients that comprise the total tail
contribution. As noted in Section 5.3.1.2, the method is limited to circular bodies, and to the
analysis of horizontal-tail effects only when the surface is body-mounted.

5.3.3.2-1



The contribution of the tail panels to the yawing-moment coefficient is given as

QH cos 0: + zH sin 0: £v cos Q' + Zy SIn Q'

(Cn~VU(B)
(C) - (Cy~bw YH(B) bw

Qu cos 0: + Zu sin Q'

bw
(CyJ 5.3.3.2-a

u

where

(CY~(B)

(CyJ
v

(Cy)
u

Qv

Zv

is defined under Equation 5.3.1.2-a.

is defined under Equation 5.3.1.2-a.

is defined under Equation 5.3.1.2-a.

is the distance from the moment reference center to the center of pressure of the
horizontal-tail interference side force, measured parallel to the longitudinal axi>. The
c.p. is taken at the centroid of the interference area, indicated by shading in
Sketch (a) of Section 5.3.1.2.

is the distance to the center of pressure of the horizontal-tail interference side force,
measured from, and normal to, the longitudinal axis: zH is positive when the c.p. is
above the longitudinal axis. (The c.p. location is as assumed above.)

is the distance from the moment reference center to the center of pressure of the
upper vertical tail, measured parallel to the longitudinal axis.

is the distance to the center of pressure of the upper vertical tail, measured from,
and normal to, the longitudinal axis. Zv is positive when the c.p. is above the
longitudinal axis.

is the distance from the moment reference center to the center of pressure of the
ventral fin, measured parallel to the longitudinal axis.

is the distance to the center of pressure of the ventral fin, measured from, and
normal to, the longitudinal axis. Zu is negative when the c.p. is below the
longitudinal axis.

For the vertical panels the center of pressure is taken as the 5O-percent-chord point of the mean
aerodynamic chord of the exposed panel.

Values for the incremental coefficient resulting .from the addition of upper vertical tails to circular
bodies, calculated using the Datcom method, are compared with experimental results in Figure
5.3.3.2-4. It is evident from the experimental data that a strong destabilizing effect occurs with
increasing angle of attack, and that this effect is fairly accurately predicted by the Datcom method
over the angle-of-attack range of the tests.

5.3.3.2-2



Sample Problem

Given: Configuration of Sample Problem, Paragraph C, Section 5.3.1.2. No horizontal tail. Some
characteristics are repeated. Find the yawing-moment coefficient developed by a vertical tail
and a ventral fin.

Wing Characteristics:

c< = 12° Sw = 144.0 sq in.

Additional Characteristics:

2y = 12.0 in. 2u = 12.0 in. bw = 24.0 in. Zy = 4.15 in. Zu = -2.15 in.

CCvl = -0.0229}
y (based on Sw) (Sample Problem, Paragraph C, Section 5.3.1.2)

(Cyl = -0.0109
u

M = 2.01

Solution:

2v cos 0: + Zv sin 0:

(C~(B) = bw (Cyly
(Equation 5.3.3.2-a,
horizontal tail off)

n.ocos 12° +4.15 sin 12° 29 12.0cos12°-2.15sinI2° 0109
= - 24.0 (-0.0 2 ) - 24.0 (-0.)

= 0.0171 (based on Swbw)

REFERENCE

1. Kaattari. G. E.: Estimlltion of Directionel St8bility DerivlltMts at Moderate Angles end Supersonic Speeds. NASA Memo
12.1-58A. 1959. luI
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----DATCOM METHOD
o ~XPERIMENT
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FIGURE 5.3.3.2-4 COMPARISON OF EXPERIMENTAL AND CALCULATED YAWING-MOMENT
COEFFICIENT INCREMENTS DUE TO ADDING A VERTICAL TAIL TO
A BODY
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5.4 FLOW FIELDS IN SIDESLIP

5.4.1 WING-BODY WAKE AND SIDEWASH IN SIDESLIP

For a wing-body combination there are two contributions to the sidewash present at a vertical tail 
that due to the body and that due to the wing.

The sidewash due to a body arises from the side force developed by a body in yaw. As a result of
this side force a vortex system is produced, which in turn induces lateral-velocity comj:lOrients at the
vertical tail. This sidewash from the body causes a destabilizing flow in the airstream beside the
body. Above and below the fuselage, however, the flow is stabilizing.

The sidewash arising from a wing in yaw is small compared to that of a body. The flow above the
wake center line moves inboard and the flow below the wake center line moves outboard.

For conventional aircraft the combination of the wing-body flow fields is such as to cause almost no
sidewash effect below the wake center line.

At subsonic speeds an empirical equation is presented that gives the total sidewash effect directly,
i.e., the combined sidewash angle and dynamic-pressure loss.

At supersonic speeds no generalized method is available.

DATCOM METHOD

A. SUBSONIC

A simple algebraic equation is presented that predicts the combined sidewash and dynamic-pressure
parameter:

This empirically derived expression is

(
00") qy1+- - = 0.724+3.06
all q.

where

1+ cosAc/4w

'w
+ Ad +0.009AW 5.4.l-a

a is the sidewash at the vertical tail, positive out the left wing

Sy is the vertical tail area, including the submerged area to the fuselage center line, square
feet

'w is the distance, parallel to the Z-axis, from wing root quarter-chord point to fuselage
center line, feet. This value is positive for the quarter-chord point below the fuselage Icen
ter line.

d is the maximum fuselage deptn, feet

A comparison oftest data with results calculated from Equation 5.4. I-a is shown in Table 5.4.I-A.
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TABLE S.4.1·A_.
I-I

A d4w Sv (1+ ••~ (1+ ~.p': P..... ,
S,; a~ q. alJ q.

Rd. (dee) A 'I.w /d Tes' Calo. u,."

-
I 45 4 0 272 1.233 1.246 1.1

.
2 0 4 -.333 .ISO .925 .389 3.9

0 4 0 .ISO 1.004 .989 L5

0 4 .3.'3 .ISO 1.090 ),(189 01

45 4 -.333 .150 .9'H .929 6~'i

45 4 0 .ISO 1.067 ).()29 3."

<IS 4 .m .ISO ].210 1.129 6.7
..-

3 45 3 .390 .150 1.210 1.176 2.8

~---
45 "l .390 .244 1.1<10 1.345 18.0

4 60 2 0 .150 1.l1611 1.()18 1.9

60 6 0 .ISO 1.10 1.084 L3
-'

5 45 2 0 .150 .996 1.021 2.3

45 6 0 .ISO 1.:l23 1.057 3.3
i-• •. -

6 0 2 0 .150 1.007 .971 3.6

0 6 0 .150 .968 .~ 2.2

7 0 4 0 .150 1.010 .989 2.1

0 4 0 .150 .902 .989 9.6

0 4 0 .150 .966 .989 2.4

45 4 P .150 1.040 ).(129 , 1.1

45 4 0 .150 .950 1.029 8.3

45 4 0 .150 l.lm 1.029 0.8_.
8 <IS 3 0 .203 1.170 1.124 3.9

4S 3 0 .203 1.13 1.124 .5

<IS 3 0 .267 1.20 1.237 3.1

<IS 3 0 .267 1.2S2 1237 1.2

4S 3 -.354 .203 1.030 .973 5.5

4S 3 -.3.'>\ .2Il3 1.060 .973 8.2

<IS 3 -.354 .267 1.152 1.08ti ..7

45 3 -.354 .267 1.002 I !.~ M
-- . ,----9 5~.s 2.31 -xu .084 .743 .17Z. 3.9

52.5 2.31 -.m .127 .'192 I .854 7.8

52.5 2.31 -.333 .lIO .7<0 I -llll 9.6

52.5 2.31 -.'33 .14S .792 I .874 10.3

52.5 2.31 -.m .156 .72!l I .!l'l5 23.0

52.5 2.31 .333 .0B4 l.l~ 1.ll3'l 10.1

52.5 2.-" .333 .127 1.073 1.110 3.4

52.5 2.31 ,.33.1 .lIO 1.(>60 1.077 1.6

52.5 2.31 .333 .145 unl U4IJ 3.9

52.5 2.31 .333 .156 1.147 1.161 12
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:\r.'4 (1 .~)q. (Ii .'Po: '·1s. ,-- - PemeatiJp q.. a:J q..
Rd. iJrlC) A t... /d s:- Teot C.ak Eno,

10 .5 • 0 .ISO 1.09 1.02'l s.,;

.5 • 0 .ISO .963 1.02'l 6.9

45 • 0 .ISO Ul34 1.02'l 0.5

45 • 0 .ISO 1.030 1.02'l 0.1

II 63 3.5 0 .168 1.130 1317 U

12 56.5 2 0 .... 1.136 1.27' 12.1

13 45 6 0 .151 1.053 1_ 3.'

45 6 0 .151 1.IJll2 1.049 U

I' 0 5.' .063 .160 1.030 UK7 1.7
-

IS 40 2.5 .12S .165 1.0'" 1.lI83 1.2

16 35.92 6.95 --..187 ..107 1.140 1.152 LO

17 33.21 2.91 .417 .... 1.263 1.364 IIJ)

::!: I el
AYUaF F.nor = -.- = 4..7'"
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5.5 LOW-ASPECf-RATIO WINGS AND WING-BODY COMBINATIONS IN SlOESLIP

During recent years much work has been done on problems associated with the design and operation of
advanced flight vehicles. These vehicles include re-entry configurations and those designed for hypersonic
cruise. The requirement that these vehicles operate within the atmosphere at hypersonic speeds
necessitates the use of configurations that are not well suited for subsonic flight at low altitudes. For
the most part, the configurations proposed for this type of mission feature extremely low aspect ratios
of the order of two or less, and thick, generously rounded lifting surfaces. These configurations also
often have large blunt bases.

The use of conventional subsonic theories and related test data does not result in adequate estimates of
the aerodynamic characteristics for this type of vehicle. The methods presented in this section for
estimating the aerodynamic characteristics of advanced flight vehicles at subsonic speeds are necessarily
semiempirical in nature. The methods are based on test data, which have been correlated with the aid of
the extension of available theory. A large portion of the material is related to delta or modified-delta
configurations, since a major portion of the pertinent theory and test results relates to these planforms.

In the following group of sections (5.5.1,5.5.2, and 5.5.3) methods are presented for estimating the side
force, rolling moment, and yawing moment on specific types of advanced flight vehicles over the linear
sideslip-angle range and at angles of attack up to 200.

The pertinent aerodynamic forces and moments acting on the vehicle are illustrated on figure 5.5-6.
These forces and moments are presented in a normal-force axis system that is introduced in Section 4.8.
The reference axes are oriented with respect to the particular configuration under consideration such
that the normal force is zero at zero angle of attack and also so that the rolling moment due to sideslip
is zero for zero normal force.

The axis designated X· - X· in figure 5,5-6 is the zero-normaHorce reference axis defined in Section
4.8 as the axis passing through the centroid of the base area and the most forward point on the vehicle
nose. If this axis is parallel to the free stream, the normal force acting on the body is zero by definition,
and the zero-normal-force angle of attack aN 0 is specified (see Section 4.8.1.1).

Although the position of the axes such that the normal force is zero at zero angle of attack is readily
determined, there is no accurate way of establishing the position of the axes for an arbitrary
configuration such that the rolling moment due to sideslip is zero at zero normal force.

In the sections that follow, the position of the axis which results in zero rolling moment due to sideslip
at zero normal force has been defined by using available test data. The required axis position,
represented by axis 0 - 0 of figure 5.5-6, is parallel to the X' - X' axis and located at a
distance A from X' - X', where A is given by

The data in the following sections are presented with respect to this "zero normal force - zero rolling
moment" axis system. In this axis system the normal-force coefficient, angle of attack, side-force
derivative with respect to sideslip, rolling-moment derivative with respect to sideslip, and yawing-moment
derivative with respect to sideslip are designated by CN', a; Ky~, Kl~, and K~~, respectively.
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The lateral-<lirectional characteristics for the defined body-axis system are related to the more familiar
stability-axis system by

K' C/{J cos a' - Cn{J sin a'- KY{J
A

= -I{J b

K' = Cn{J cos a' + C/ sin an{J {J

For symmetrical configurations (symmetry about the Z = 0 plane)

Q' ;; 0'

K' Kn{J = n{J

A general notation list is included in this section for all sections included under Section 5,5.

Sketches showing planform geometry for nearly all configurations analyzed in Sections 5,5,1.1 through
5.5.3.2 are presented in table 4.8-A

NOTATION

SYMBOL

A

b

c,

N"J

N'2

5.5-2

DEFINITION SECTION

aspect ratio of surface Several

surface span Several

surface root chord 5.5.3.1
5.5.3.2

maximum height of base Several

total length of body Several

uniform distribution of normal force acting on a pure delta wing 5.5.2.1

concentrated component of normal force acting on leading edge of a 5.5.2.1
pure delta wing

left leading-edge component of concentrated normal force 5.5.2.1



SYMBOL

LE

S

xcentroidw

a<No

DEFINITION

right leading-edge component of concentrated normal force

effective radius of round leading-edge wing, perpendicular to leading
edge at c,/3 from the nose (see figure 4.8.1.2-llb)

planform area

projected side area of configuration

projected side area of configuration forward of .2cr

free-stream velocity

chordwise distance from the configuration nose to the center of
pressure of the pressure component of the side force, positive for c.p.
aft of nose

chordwise distance from the nose of the configuration to the centroid
location of the projected side area, positive aft of the nose

chordwise distance from the nose of the configuration to the centroid
location of the wing planform, positive aft of the nose

angle of attack at zero normal force

angle of attack (a< - a<N ), (see figure 4.8-12)
o

angle of sideslip, positive nose left

I. perpendicular distance between zero-normal-force reference axis
X '-X' and "zero normal force - zero rolling moment" reference
axis 0 - 0, positive for 0 - 0 below X '-X '(see figure 5.5-{j)

2. distance of c.p. of leading-edge component of normal force on a
pure delta wing, measured from and normal to the root chord (see
sketch (b), Section 5.5.2.1)

total wedge angle of sharp-Ieading-edged wing, perpendicular to leading
edge at c,/3 from nose (see figure 4.8.1.2-lla)

effective wedge angle of sharp-Ieading-edged wing, perpendicular to
leading edge at c,/3 from nose (see figure 4.8.1.2-lla)

SECTION

5.5.2.1

5.5.1.2
5.5.2.2
5.5.3.1
5.5.3.2

Several

Several

5.5.3.1
5.532

5.5.2.1

5.5.3.1
5.5.3.2

5.5.3.1
5.5.3.2

5.5.3.1
5.5.3.2

5.5

5.5
5.5.2.2

Several

5.~

5.5.2.1

5.5.1.2
5.5.2.2

5.5.1.2
5.5.2.2

5.5-3



SYMBOL

o

C/
. ~

DEFINITION

average lower-surface angle of sharp-leadini-edged wing, perpendicular
to wing leading edge at c,/3 from nose (see figure 4.8.1.2-1 I")

wing semiapex angle

sweepback angle of wing leading edge

tip chord
taper ratio, ---:--,

root chord

skin-friction coefficient for incompressible now

rate of change of roIling-moment coefficient with sideslip angle,
3C

3/31 (stability axes)

SECTION

5.5.1.2
5.5.2.2

5.5.2.1
5.5.2.2

Several

Several

5.5.1.1
5.5.3.1

5.5

normal-force coefficient

force reference plane

N'

qS
measured with respect to zero-norma1- 5.5.1.2

5.5.2.1
5.5.2.2
5.5.3.2

value of coefficient at Q' = 200

rate of change of yawing-moment coefficient with sideslip angle,
3Cn

(stability axis)
3/3

5.5.1.2
5.5.2.2

5.5

rate of change of side-force coefficient with sideslip angle,
(stability axes)

3Cy

3/3
5.5

K'
l/3xX'

5.5-4

rate of change of rolling-moment coefficient with sideslip angle,
3K3/ 'referred to the defined body axes

valve of parameter for a pointed-nose delta wing

calculated valve of parameter at Q' = 200

value of derivative referred to zero-normal-force axis

5.5
5.5.2.1
5.5.2.2

5.5.2.2

5.5.2.2

5.5



SYMBOL DEFINITION

value of derivative near zero-normal-force

SEc"fION

5.5.2.1
5.5.2.2

value of parameter for pointed-nose delta wing

increment in value of of thin delta wing due to nose blunting

5.5.2.1
5.5.2.2

5.5.2.1
5.5.2.2

(Ki~ I CNJw

[(Ki ~ I CN-)<11<,) 20

(Ki~/CNk.

~ ~Ki/CN )<01<:]20

K'
~

K'
.~

o

(Ky~ 20

~ (Ky .,) 20

~::~J20

sideslip-derivative correlation factor for Kill at o!' = 200

increment in correlation factor at o!' = 200 due to thickness effects

rate of change of yawing-moment coefficient with sideslip angle,
aK.ap ,referred to the defined body axes

value of derivative at zero normal force

rate of change of side-force coefficient with sideslip angle,
referred to the defined body axis

value of derivative at zero normal force

value of derivative at a' = 200

increment in derivative accounting for change in o!' from 0 to 200

sideslip-derivative correlation factor for Kyat o!' = 200.,

5.5.2.2

5.5.2.2

5.5
5.5.3.1
5.5.3.2

5.5.3.1

5.5
5.5.1.1
5.5.1.2
5.5.3.2

5.5.1.1
5.5.1.2
5.5.3.1

5.5.1.2

5.5.1.2

5.5.1.2

5.5-~



5.5-6

x'

K'np

z

j

j

j

j

j

j

j

j

j

j

j

jOIN
j0

j
X'

j0

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j

j
j



Re,,~ed June 1969

5.5.1 WING, WING-BODY SIDESLIP DERIVATIVE Ky~

5.5.1.1 WING, WING·BODY SIDESLIP DERIVATIVE Ky~ AT ZERO NORMAL FORCE

A. SUBSONIC

This section presents a method, taken from reference I, for estimating the sideslip derivative Ky ~ at
zero normal force for delta and modified-delta configurations at subsonic speeds.

The side force at zero normal force is assumed to be composed of two parts, side force due to skin
friction and side force due to the pressures acting on the configuration. For thin configurations
(essentially zero side area) the side force can be taken as equal to the skin-friction drag of the wing. As
the thickness is increased, the influence of pressure distribution is introduced and the side force
increases. However, this increase would be expected to be relatively small until the thickness becomes
large enough so that the flow separates, causing the pressure drag to become appreciable. It is reported
in reference 1 that many attempts were made to relate this phenomenon to existing theories, but
without success. The available theories are usually appropriate only when the flow is attached or when
the point of separation is known, as in the case of a thin, sharp-leading-edged delta wing. For the case
of a moderately thick delta wing, the cross-flow components associated with sideslip tend to induce
separation in an unpredictable manner. Therefore, the method presented is based on an empirical
correlation of available test data.

The design chart presented was obtained by relating the sideslip derivative at zero normal force to the
side area of the configuration. For zero side area, Ky R is taken to be equal to the incompressible

"NO
skin-friction coefficient of the wing. For the purpose of the Datcom, the skin-friction coefficient of the
wing is taken as Cr = 0.006. Therefore, for a wing with zero side area, Ky R = -0.006 per radian

"NO .

Factors which might be expected to influence side force, but which are not isolated in the analysis,
include planform geometry, aspect ratio, section thickness, and camber.

OATCOM METHOD

The zero-normal-force sideslip derivative K y R of a delta or modified-delta configuration, based on
"NO

planform area, is obtained from the procedure outlined in the following steps:

Step I. From the configuration geometry determine the projected side area of the
configuration So s and the planform area S.

Step 2. Obtain KY#NO as a function of Sos/S from figure 5.5.1.1-6

Values of the zero-normal-force sideslip derivative calculated by using this method are compared with
test results in table 5.5.I.I-A. It should be noted that a considerable amount of scatter was involved iii
the data correlation used to define the design chart. A more accurate correlation was not obtainable
because of the limited availability of test data and the uncertainties in the test results.

Sample Problem

Given: The delta-series configuration of reference 6 designated 0-2. This is a sharp-edged delta model with
a symmetrical diamond-shape cross section and a bl.unt trailing edge.

5.5.1.1-1



b = 12.374 in.

I B = 23.0 in.

Compute:

= 4.32 in.

S

S

Solution:

I
= -1 b2 B

= ~ (23.0)(12.374) = 142.3 sq in.

= ~ I B 1;. = ~ (23.0)(4.32) = 49.68 sq. in.

49.68= - = 0.349
142.3

KyPr.i
o

= -0.110 per rad (based on S) (fIgUre S.S.I.1- 6)

This compareds with a test value of -0.122 per radian from reference 6.
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TABLE 5.5.1.1-A

SUBSONIC ZERO-NORMAL-FORCE SIDE-FORCE DERIVATIVE WITH RESPECT TO SIDESLIP

DELTA PLAN FORM CONFIGURATIONS

DATA SUMMARY

I l!
Ref. Configuration

--I
• D-50

6 D·'

D·2

D-5

D-6

0-10

WB-3

7 Wing Alone

8 2

9

•
6

8

10 Wing Alone

11 Wing Alone

12 Wing Alone

13

" •
b(b••ic)

blR -1.5 in.1

d

16

A

1.076

1.075

1.076

1.076

1.868

1.702

1.074

2.00

2.31

3.00

2.00

1.00

0.50

0.75

2.31

2.31

0.742

0.783

0.783

0.808

0.783

0.780

roos:s--T -K

y
~N~--
~----~~

K y ,£.Ky
(IN . I3No 0

ALE -- Calc Test Calc ·Test
I

(d",I' s---+- (per rad) (per rad) (per radlI
.0 ----------

,
75 0.386 -0.150 -0.227 0.017

I

, 75 0.386 -0.150 -0.107 -0.043
I

: 75 0.349 ---0.110 ---0.122 0.012

75 0.386 ---0.150 -0.219 I 0.069

65 0.236 -0.030 ---0.021 -0.009

,
75 0.296 -0.060 -0.060 0

1
,

75 I 0.282 ---0.051 ---0.137 0.086
,

i 63.4 , 0.050 -0.004 -0.010 0.006

I,
!

60 0.115 -0.008 -0.015 0.007

I
53 0.045 -0.003 0 -0.003

I
63 0.050 -0.004 0 -0.004

I
76 0.050 -0.004 0 -0.004

83 0.070 -0.006 0 -0.005

Gothic 0.125 -0.009 0 -0.009

60 0.045 -0.003 0 -0.003
I

60 0.145 -0.011 --0.017

I
0.006

I79.5 0.491 -:-0.325 -0.335 0.010

I I79.5 0.535 -0.412 --0.413 0.001

79.5 0.491 -0.325 -0.344 0.019

79.5 0.500 -0.337 -0.321 -0.016

79.5 0.518 -0.375 --0.372 -0.003

79.4 0.528 -0.395 -0.401 0.006
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FIGURE 5.5.1.1-6 SIDE-FORCE DERIVATIVE WITH RESPECT TO SIDESLIP AT ZERO
NORMAL FORCE -DELTA AND MODIFIED DELTA CONFIGURATIONS
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5.5.1.2 WING, WING·BODY SIDESLII1-DERIVATIVE
K yp VARIATION WITH ANGLE OF ATTACK

A. SUBSONIC

This section presents a method for estimating the effects of angle of attack on the sideslip
derivative Ky p of a delta or modified-delta planform re-entry configuration.

The Datcom method is taken from reference I. An empirical correlation is presented for estimat
ing Kyp at 01' =200 , and this correlation has been related to the normal-force coefficient to
estimate Ky p at intermediate angles of attack.

Leading·edge shape was shown to have an important influence on the side force as well as on its
variation with angle of attack. A lifting delta wing is characterized by two vortices that extend aft of
the nose, at or somewhat inboard of the wing tips. These vortices move with respect to the wing as it is
sideslipped, tending to remain fixed with respect to the free stream. Minimum pressures and, as a result,
maximum local lifts, are observed in the area immediately below the cores of these vortices. It would,
therefore, be expected that the side force produced by sideslipping a delta wing would depend to a
significant degree upon the shape of the wing below the vortices. For example, if the minimum pressure
acts on a region where the surface of the wing is sloped so that the contribution to side force is large,
the value of Kyp would be expected to differ from that observed on a configuration with flat upper
surfaces. During the study reported in reference I available test results were analyzed in an attempt to
isolate this phenomenon; however, the results were not conclusive. Therefore, the influence of
cross-sectional shape other than that related to leading-edge rounding or leading-edge angle IS not
included in the correlation curve presented in the Datcom method.

Test data show tllat Kyp tends to become more negative as angle of attack is increased for wings with
small leading-edge radii, while the opposite is true for configurations with generously rounded leading
edges. This phenomenon can be explained as follows: On a lifting delta wing the upper-surface pressures
on the up-stream leading edge decrease as the sideslip angle is increased and the upper·surface pressures
acting on the d\Jwn-stream edge increase. If the leading-edge radius is large so that the' flow does not
separate readily, and so tpat these pressures are effective over a relatively large area, the change
in Kyp due to increases in CN' is positive. For sharper leading edges, the combination of the flow
separating readily at the leading edges and the small side area in the vicinity of the minimum pressures
at the up-stream leading edge results in a reduction in Ky p as CN ' is increased. This observation led to
the development of the estimation procedure. Since the change in Ky p with CN depends upon the
pressure distribution produced by the lifting process, it was assumed that a correlation procedure could be
developed that relates Ky p to the normal-force coefficient. The expression used in the correlation proce
dure is

Semiempirical correlation curves based on the above expression and test values at 01'= 200 are presented
in the Datcom method for delta. and modified-delta wings with either round or sharp leading edges.
These design charts are considered valid for sideslip angles between ±50 and angles of attack up to
200 .
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DATCDM METHOD

The variation of the sideslip derivative Kyp with angle of attack for a delta or modified-delta configuration
at low speeds, based on planform area, IS obtained from the procedure outlined in the following steps:

Step I. Determine the effective leading-edge angle 0'1 for sharp leading edges or the effective
leading-edge radius Rl for round leading edges. These parameters are functions of

-LE
3 I

the configuration geometry in a plane normal to the leading edge at 30, from the nose.

The applicable configuration geometry is illustrated on figures 4.8.1.2-11 a and 4.8.1.2-11 b.

Step 2. Determine the variation of sideslip derivative with angle of attack by

5.5.I.2-a

where

is the side force due to sideslip at zero normal force obtained by using the
method of Section 5.5.1.1.

is the normal-force coefficient at angle of attack obtained by using the
method of Section 4.8.1.2.

is the semiempirical correlation factor for the sideslip derivative Ky ~ for
delta and modified-delta configurations. It is presented as a function of
effective leading-edge radius R 1 and SO IS for configurations with

-LE s
3

round leading edges in figure 5.5.1.2- 8, and as a function of effective
leading-edge angle 0'1 and SOs IS for configurations with sharp leading
edges in figure 5.5.1.2-9.

Sos/S is the ratio of the projected side area of the configuration to the
planform area.

It should be noted that a considerable amount of scatter was involved in the data correlation used to define
the design charts. In the case of sharp-Ieading-edged configurations it was necessary to estimate the nature
of the effect of leading-edge angle on the basis of very few test data. Therefore, the accuracy of the design
chart for sharp leading edges (figure 5.5.1.2- 9) is questionabie.

Nonlinearities in the variation of side force with sideslip may appear if the upper-surface slope is such
that spanwise components of normal force, due to the negative pressures under the vortex, appear only
for a limited range of sideslip angles. As indicated in the introd uction, the available data are not
sufficient to aDow isOlation of this effect. However, it should be realized that a constant value
of Ky ~ valid for Il =±50 may not be a useful representation of the physical phenomena involved.
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The v"ri"tion of the sideslip derivative Ky ~ with nonnal force calculated by this method is compared
with test data in table 5.5.1.2-A.

Sample Problem

Given: A delta model with a symmetrical diamond cross section, a blunt trailing edge, and round leading
edges. This is model D-6 of reference 6. This is the configuration of sample problem 1 of Section
4.8.1.2.

b

~m""",,",
(constant) 1

0
----••,

~E~=====}-IL .525-in. radius

+

A = 1.868

S = 261.95 sq in.

R!LE = 0.525 in.
3

So = 61.82 sq in.
s

b = 22.116 in.

The following variation of CN ' with cr' from sample problem 1 of Section 4.8.1.2:

cr

Compute:

o
o 0.2017 0.4122

15°

0.6323

20°

0.8618

So /S = 61.82/261.95 = 0.236
s

K
YIl

= -0.030 per rad (figure 5.5.1.1-6)
NO

R 1 /b = 0.525/22.116 = 0.0237
)"LE

[<lKY~ = -0.095 per rad' (figure 5.5.1.2- 8)

(CN~ 2 20
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Solution:

~6KYJK
YIl

; K
YIl

+ __Il (CN) 2 (equation 5.5.1.2-a)
NO ~N)2 20

; -0.030 + (-0.095) (eN) 2

0 0 0 @ ®
Ky

(C
N

)2 ~

Q CN • -0.095 (cN.j 2 (based on 51
(per rad)Id..1 (gi"en) @2

-o.095@ -o.03O+@

0 0 0 0 -0.030

5 0.2017 0.041 -0.004 -0.034

10 0.4122 0.170 -0.016 -0.046

15 0.6323 0._ -0.038 -0.066

20 0.8618 0.743 -0.071 -0.101

The calculated results are compared with test values in sketch (a) and in table 5.5.1.2-A.

20161284

OTest Points

- Calculated

./
V

V
V

0 V
V

~ n

(.

o
o

-.08

-.12

-.04

ANGLE OF ATTACK.a<de~)

SKETCH <a)
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SUBSONIC SIDE·FORCE DERIVATIVE WITH RESPECT TO SIDESLIP -- VARIATION WITH NORMAL FORCE

DELTA PLANFORM CONFIGURATIONS
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TABLE 5.5.1.2-A (CONTO)

-,-' I
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5.5.2 WING, WING-BODY SIDESLIP DERIVATIVE K{~

5.5.2.1 WING, WING·!lODY SIDESLIP D~~RIVATIVE K; p

NEAR ZERO NORMAL FORCE

A. SUBSONIC

,
This section presents a method for estimating the sideslip derivative K j ~ near zero normal force for
delta and modified-delta configurations at subsonic speeds.

The subsonic rolling moment due to sideslip of a thin delta wing of vanishing aspect ratio (A < I) with
sharp leading edges and a pointed nose can be satisfactorily predicted at low lift coefficients by using
the method presented in Section 5.1.2.1. However, this procedure is inadequate for proposed re-entry
configurations. These configurations range in aspect ratio from low values of the order of 1/2 up to 2,
and, for the most part, have thick, generously rounded lifting surfaces and blunt nose shapes.

The Datcom method is taken from reference I. The method is semiempirical and was developed by first
describing the pertinent aerodynamic phenomena in terms of a conceptual model and then using
available experimental data to adjust the final theoretical results.

In determining the rolling moment due to sideslip of thin delta wings near zero normal force, it was
necessary to define the spanwise variation of the normal-force loading due to sideslip, the longitudinal
and lateral shifts in the configuration center of pressure due to sideslip, and the effect of sideslip on the
total normal force. Briefly, the analysis proceeded as follows: From symmetry considerations and
experimental results it was concluded that the total normal force is independent of sideslip angle ncar
zero sideslip. Experimental data also show that the longitudinal position of the center of pressure does
not change as the wing is sideslipped through small sideslip angles. Therefore, it was concluded that the,
change in K{ ~ results because of the spanwise shifts in normal force. It was then assumed that the
normal force acting on a pure delta wing at zero sideslip can be divided into two components, one
distributed uniformly over the planform and the other concentrated at the leading edge.. The magnitude
of the concentrated component at any spanwise station is proportional to the local chord. In accordallce
with this concept, the resultant of the uniform load acts at a point 2/3 of the root chord aft of the
wing apex, and the resultant of the leading-edge component .acts at a point 1/3 of the root chord aft ,.f
the wing apex (see sketch (a)). It was further assumed that when the wing is sideslipptXl. the center "f

SKETCH (a)

c,

5.5.21-1



pressure of the uniform load moves normal to the root chord so as to maintain a line from the trailing
edge of the root chord to the center of pressure in a plane parallel to the free stream. It was also
assur.1ed that the center of pressure of the leading-edge component moves normal to the root chord
some distance t>. that IS a function of the angle of sideslip (see sketch (b». Any rolling-moment

:(
\tI/3C

r
N' .

2 LN; 2 R
. 2/3 c

r

GEOMETR Y FOR DEFINING THE EFFECT OF SIDESLIP ON
CENTER-QF-PRESSURE POSITION ~ PURE DELTA WING

SKETCH (b)

'o.1(;;bution trom the leadillg-edge component results from a normal-force differential between the right
and left leading-edge components. The lateral position of their center of pressure is determined by
ralancing their rolling moments about the roll axis. By using the results given in reference 2 for the
·f"ri.tion of the leading-edge component of normal force and the configuration geometry described by
skdches <a) and (b), an expression was derived for the rolling moment due to sideslip of a thin delta
wing near zew normal force. Finally, test data were used to refine the derived expression.

The final correlatinn is presented as figure 5.5.2.1-8a in the Datcom.

i!lC effect of nose blunting was determined by analyzing a simplified model wherein a port!on llf the
:lOse of a pure delta wing is removed by a straight cut normal to the root chord. The later.l
center-of·pressure movement predicted by this technique is different from that observed, since actual
nose blunting usually consists of rounding the forward part of the wing rather than cutting it oft
sharply. Therefore, an empirical factor was applied, based on the res'llts of reference 3, to compensate
for this difference.

It would be expected that thickness would influence rnlling moment due to sideslip. The difference in
the pressure distribution on the upper and lower surfaces of a lifting delta wing and the variation of the
center-of-pressure locations due to thickness should result in an increment of rolling moment due to
sideslip, However, during the study reported in reference I, it was not possible to isolate the expected
thickness effects with any degree of confidence. Therefore, the Datcom method docs not include an
increment showing the effect of thickness on rolling moment.

The Datcom method is considered valid for normal-force coefficients up to 0.3.
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DATCOM METHOD

The rolling moment due to sideslip near zero normal force for delta and modified-delta configuration<,
based on the product of the planform area and span Sb, at low speeds is given by

5.5.2.I-a

where

is the normal-force coefficient.

is the ratio of the sideslip derivative Kip at zero normal force to the normal-force coeffi
cient for.a pointed-nose delta configuration. This parameter is obtained from figure
5.5.2.1 -8a as a function of the wing semiapex angle 8.

is the increment of the ratio of sideslip derivative Kj p to the normal-force coefficient,
due to nose blunting. This parameter is obtained from figure 5.s.2.1-8b as a function of
the configuration semiapex angle 8 and the aspect ratio. The semiapex angle is measured
as illustrated on figure 5.5.2.1-8b and the aspect ratio is that of the blunt-nose
configuration.

A comparison of the rolling moment due to sideslip near zero normal force calculated by this method with
test data is presented as table 5.5.2.I-A.

Sample Problem

Given: A blunt-nose delta-wing model with a symmetrical cross section and a blunt trailing edge. This is
model D-5 of reference 7.

1
--I-b

A = 1.076 8 = 150 S = 160.19 sq in. b = 13.13 in.
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Compute:

-0.65 per rad (figure 5.5.2.1-8a)

4 tan 0

A
:

4 tan 15 0

I - : 0.0041
1.076

JKI~J : 0.033 per rad
tc~, B

Solution:

(figure 5.5.2.1-8b)

K'
/~

C'N

(equation 5.5.2.I-a)

: -0.65 + 0.033

: -0.617 per rad (based on Sb)

This compares with a test value of -0.556 per radian from reference 7.
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TABLE 6.5.2.1..A,

SUBSONIC ROLLING MOMENT DUE TO SIDESLIP NEAR
ZERO NORMAL fORCE

DELTA PLAN FORM CONfiGURATIONS

OATA SUMMARY

[K::N~ [::N~ A[~N~
N

• Nose Calc. Test IC.le.-TestiRef. Configuration A (deo) Configuration (per rajl (.."ad) I.... radl

0-60 1.076 15.0
i-

blunt -0.617 -'l.5665 -.031

7 0-1 1.076 15.0 blunt ·-0_617 -'l_544 -.073

0-2 1.075 j sharp -'l.617 -'l.5oo -.117

0-6 1.076 sharp -'l.617 --0.556 -.061

0-8 1.666 25.0 blunt -'l.345 -'l.368 .023

WB·l 1.l194 15.0 blunt -'l.557 -'l.585 .028

WB-3 1.074

1
blunt -'l.600 -'l.560 -.040

WB.. 1.147 blunt -'l.504 -'l.466 -.048

8 Wing.lone 2.00 26.17 lha", -'l.330 --0.320 -.010

9 1 2.31 30.0 "'.'" -'l.286 -'l.636 .350
I

I j2 lha,p -'l.286 -'l.586 .299

3 lha", -'l.296 --0.585 .299

4 1.07 15.0 "'.'" -'l.630 -'l.970 .340

7 4.00 46.0 "'..p -'l.172 -'l.320 .148

10 1 3.00 37.0 sharp -'l.218 -'l.186 -.032

I 4 2.00 27.0 "'"'P -'l.323 -'l.246 -.077

8 1.00 14.0 "'..p -'l.575 -'l.B25 .150

8 0.50 7.0 "'..p -1.370 -2.060 .690

11 Wlng.lone 2.31 30.0 "'..p --0.296 --0.370 .084

13 Wing .Ione 2.31 30.0 lha'p -'l.286 -'l.3Il0 .094

14 11 3.00 37.0 Ihe<p -'l.218 -'l.225 .007

j
12 2.00 26.2 "'..p -'l.330 -'l.262 -.068

13 1.00 14.0 "'"'P -'l.875 -'l.520 -.165

14 0.50 7.1 thorp -1.36 -'l.938 -A14 i
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TABLE 5.5.2.1·A (CONTO)

[~~~ [~~~ 4[~:~~
• N"", Calc. Tnt (Cllk:.·Tntl

Ref. Configumlon A ldog)" Configunrtion (perrodl (per rod) (per r.:j)

15 1 3.00 37.0 ...or. ~1.172 ~.122 -.060

I·

2 2,00 26.2 ....,. ~.330 ~.190 -.140

3 1.33 16.03 sh.rp ~.503 ~.404 -.099

4 1.00 14.0 ....,. ~.675 ~.528 -.147

16 Wing e10ne 2.31 60.0 ....rp ~.286 ~.320 .034

17 1 0.742 10.5 blunt ~B66 -1.00 .134

18 • 0.783 10.5 blunt -0.721 ~.570 -.051

blbasicl 0.783 I blunt ~.721 ~.710 -.011

bfA-1.S in.) OBOB blunt ~.678 ~.890 .012

d 0.783 blunt ~.721 ~BOO .079

19 Oelt.wing 0.740 12.0 ....,. ~BOO ~.940 .140
boost"ilide

20 At. tri.nguler 0.780 10.8 blunt ~.722 ~.580 -.142
pvr.mtd

21 Wing .Ione 2.0 26.8 ....rp ~.330 ~.186 -.144
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5.5.2.2 WING, WING-BODY SIDESLIP-DERIVATIVE K/~

VARIATION WITH ANGLE OF ATTACK

A. SUBSONIC

This section presents a
derivative Kl~ variation with
speeds.

method. taken from reference I, for estimating the sideslip
angle of attack for delta and modified-delta configurations at subsonic

The variation of Kip with angle of attack for a thin delta wing is based on the conceptual model
described briefly in Section 5.5.2.1, and the semiempirical technique used to obtain the variation of
normal force with angle of attack is that described in reference 2. it is shown in reference 2 that the
longitudinal position of the center of pressure and the distribution' of the load over the surface of an
unyawed, thin delta wing are both independent of angle of attack. As noted in Section 5.5.2.1,
experimental data also show that the longitudinal position of the center of pressure does not change as
the wing is sideslipped through small sideslip angles. Therefore, it was concluded that the ratio of the
normal-force component that is considered to act at the leading edge to that uniformly distributed over
the wing (see discussion in Section 5.5.2.1) does not change, and that the change in Ki~ with angle of
attack results because of the spanwise shift in one or both of these normal-force components as the
angle of attack is increased. In accordance with these considerations, the variation of the sideslip
derivative Ki ~ with angle of attack is related to the normal-force coefficient by

(Ki /CN')
{J tinear

(CN ')
nonlincat

The technique used to obtain a correlation of normal force in reference 2 (see Section 4.8.1.2) was then
applied to detennine a reference value for Kip at (l!'= 200. The correlation parameters used were
leading-edge radius and leading-edge angle for thin delta wings with round and sharp leading edges,
respectively. It was then assumed that the variation of Kip/CN ' within the angle-of-attack range from 0
to 200 is parabolic. It should be noted that as the leading-edge radius approaches zero, the
rolling-moment coefficient with respect to sideslip approaches the same value as for a sharp leading edge.
Therefore, a configuration with a small leading-edge radius can be analyzed as one having a sharp leading
edge.

As wing thickness is increased, the pressure distribution on the upper and lower surfaces of a
sideslipping delta wing at angle of attack become significantly different. A couple will be introduced due
to this pressure distribution and a corresponding rolling-moment increment will result ..An empirical
correlation, taken from reference I, is presented to account for this thickness effect. This correlation is
based on data at (l!'= 200 only; however, it is applied over the angle-of-attack range from 0 to 200 in
the Datcom.

The increment in rolling-moment coefficient with respect to sideslip due to nose blunting is assumed
invariant with angle of attack. Therefore, the effect of nose blunting is taken as that presented in
Section 5.5.2.1.

The Datcom method is considered valid for sideslip angles betwep-n tlOO and angles of attack up to 200

5.5.2.2-1



DATCOM METHOD

The sideslip-derivative K'/6 variation with angle of attack for a delta or modified-delta configuration at
subsonic speeds, based on the product of planform area and span Sb, is obtained from the procedure out
lined in the following steps:

Step I. Determine the effective leading~dge angle 6.1 for sharp leading edges or the effective lead
ing~dge radius R 1 for round leading edges. These parameters are functions of the

-LE
3 I

configuration geometry in a plane normal to the leading edge at '3 cr from the nose. The

applicable configuration geometry is illustrated on figure 4.8.I,2-lla and 4.8.1.2-11 b.

Step 2. Determine the ratio [Ki IlNo
] of the sideslip derivative K'/ near zero normal force to

CN' Ilto
the normal-force coefficient for a thin, pointed-nose delta wing. This parameter is obtained
from figure 5.5.2,1-8a as a function of the wing semiapex angle 8.

5.5.2.2-a
0.152

1+-
tan 8

[(~~)J~ =

Determine the calculated value of K'/ ICN , at a' = 200 by
Il

[
K'/IlNO] (per radian)

CN ' to

Step 3.

where 8 [

K' ]/Il
NO

is the semiapex angle in degrees and ~ to is obtained from step 2.

a' = 200 . This parameter is expressed as

Step 4. Obtain the empirical correlation factor for the ratio of K; Il to normal-force coefficient at

(K'/Il/CN')~

~ r: and is presented as a
K'l ICN')Il calc 20

function of the effective leading~dge radius for configurations with round leading edges in
figure 5.5.2.2-12a, and as a function of leading~dgeangle for configurations with sharp lead
ing edges in figure 5.5.2.2-12b.

Step 5. Obtain the empirical correlation factor for the increment in the ratio of K'/Il to normal
force coefficient due to thickness effects at a' = 200 . This parameter is expressed as

(KiIl/CN')~
to ~K'/Jl/CN')caJc]~ and is presented in figure 5.5.2.2-13 as a function of the ratio of the

projected side area of the configuration to the plartform area SBs/S.

5,5,2.2-2



Step 6. Determine the ratio of the increment in sideslip derivative K'l~ to the nonnal-folce coeiti

cient due to nose blunting t. [~~~]8 from figure 5.5.2.1-8b as a funetiolo of the Cdr,

figuration semiapex angle 0 and the aspect ratio. The semiapex angle is measured as
illustrated on figure 5.5.2.1-8b and the aspect ratio is that of the blunt-nose configuration,

Step 7. Using the terms obtained in steps 2 through 6 determine the variation of the ratio e>f
K'l~ ICN , with 0" by

(per radian)

5.5.2.2-b

where 0" is in degrees.

Step 8. Determine the variation of K'I ~ with angle of attack by

where (K'l~ I~ ') is from step 7 and

attack obtained from Section 4.8.1.2.

5.5.2h

CN ' is the normal-force coefficient at ang'" "f

The variation of the sideslip derivative K; with angle of attack calculated by this method is compalt<1

with test data in table 5.5.2.2-A. The variafions of CN' with angle of attack, used to obtain the calclolal<d

values of K'[ ~ in table 5.5.2.2-A, were calculated by using the method of Section 4.8.1.2.

It should be noted that a considerable amount of scatter was involved in the data correlation used 10

defille the design charts. In the case of sharp-leading-edged configurations it was necessary to esti"""e
the nature of the effect of leading-edge angle on the basis of very few test data. Therefore, the accllra'"y
of the design chart used for sharp leading edges (flgllre 5.5.2.2-l2b) is questionable.

The lift distnbution over a lifting delta wing is such that maximum local lifts o,'cur in the are.
immediately below the cores of the shed vortices (see discussion in Section 5.5.1.2). Since these vorli,.,
do not move with the wing as it is sideslipped, the region of high local lift may act on the surt,,·, .,1
one sideslip angle while the wing-vortex which produces it may be outboard of the leading edg'. "'
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another. Therefore, nonlinearities in the variation of rolling moment with sideslip may exist with
low-aspect-ratio delta planforms. The available data are not sufficient to allow isolation of this effect.
However, it should be realized that a constant value of Ki ~ valid for il =t!Oo may not be a useful
repre<entation of the physical phenomena involved.

sample Problems

I. Round Leading Edge

Given: A delta wing model of reference 6 designated D-6. This is the configuration of sample problem 1
of Section 4.8.1.2.

b
--+-

7c~=====J~L~525-in. radius

+

A = 1.868

R 1 = 0.525 in.
3 LE

b = 22.116 in. S = 261.95 sq in.

h" = 4.32 in.

So = 61.82 sq in.
S

The following variation of CN ' with O! from sample problem I of Section 4.8.1.2:

Compute:

O!' o I
o I 0.2017 0.4122 0.6323 0.8618

5.5.2.2-4

= -0.36 perrad (figure 5.5.2.1-8a)



[(::'LL [

K'i ~N ]

I __0 (equation 5.5.2.2-a)
0.152 eN'

I +---- ~
tan 8

o.:.:...1:.:..52~
1 +-

tan 25°

-0.271 per rad

(-0.36)

R /b; 0.525/22. i 16 ; 0.0237
1

3LE

r(K' /e.) ]
~ I~' N calc 20

; 0.655 (figure 5.5.2.2-12a)

So /S ; 61.82/261.95
S

0.236

0.10 (figure 5.5.2.2-13)

4 tan 8 4 tan 25°
1 - A ; 1 - 1.868 ; 0.0015
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( 036l [ I (0')2 ] (",~V20 + ({0.655 + O.IO) 1-0.271) + 0.005) 20/

("')2 (",~y036 + 0.36 \20 - 0.200 20/

("')2-0.36 + 0.160 20 per rad

Solution:

(equation 5.5.2.2-c)

[ -0.36 + 0.160 (;;)'J eN per rad

@ @ 0

K' K'
l~ I~

, 2 -- (~onSb)

O.I60G)
C' eq. 6.6.2.2-c

a' C '
N

N a.'/20 (per red) (per raeU
(d",1 (given) (D12O 0.160@2 -O.36+@ ®~

0 0 0 0 -0.360 0

5 0.202 0.25 0.010 -0.350 -0.071

10 0.412 0.50 0.040 -0.320 -0.132

15 0.632 0.75 0.090 -0.270 -0.171

20 0.B62 1.00 0.160 -0.200 -0.172

The calculated results are compared with test values from reference 6 in sketch (a) and in table 5.5.2.2-;\.

2. Sharp Leading Edge

Given: The hypersonic boost-glide configuration of reference 8 without lip cones and ventrals.

A = 0.74 b = 35.40 in. S = 11.70 sq ft So = 3.39 sq ft
s

5.5.2.2-6
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J

The following variation of CN ' with a " calculated by using the method of Section 4.8.1. 2:

Compute:

a o
o 0.1\9

10°

0.276

15°

0.471

20°

0.704

-0.800 per rad (figure 5.5.2.1-8a)

[(::~)J20

1 [~~~,= (equation 5.5.2.2-a)
0.152

I +
tan 8

I
= (-0.800)

0.152
1 +

tan 120

= -0.466 per rad

= 0.950 (figure5.5.2.2-12b)

SB /S = 3.39/11.70 0.290
s
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~ [~~~1 = 0 (no nose bluntness)

K'
I~

C,
N

+ J KcN\3l,'B) f.
2

a
O
' )2... [ J \ (equation 5,5,2,2·b)

[
, 2J ' 2

H,800) 1- (2~) + (:0.950 + 0.12}[-0.466]+ O)(~)

• 2 ' 2

= -0.800 + 0.800 ( 2~) - 0.499 C~)

, 2

-0.800 + 0.301 (2~) per rad

Solution:

K'I~ = (:~~) CN ' (equation 5.5.2.2-c)

= [-0.800 + 0.301 (~)2J eN' per rad
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(i) ®

Ki I K'
0 10

0' 1 -- (based on Sbl

OJ01CJ eN
,

eq.5.5.2.2·c
0' CN' a~20 (per rad) (per rad)

Id..1 (given) <D /20 0.301 @2 -0,800+ @) @@

0 0 0 0 --0,800 0

I
5 0.119 0.25 0,019 --0,181 --0.093

I10 0.276 0.50 0.075 -0.725 -0.200

1
15 0.471 0,15 0,189 -0.631 -0.291

20 0.104 1.00 0.301 --0.499 -0.351

The calculated results are compared with test values from reference 8 in sketch (a) and in table 5.5.2.2-A.

Sample Problem 1 (round leading edge) )

o Test Points
--Calculated

[...-
Sample Problem 2 (sharp leading edge) /-

<) Test Points --v.
- -Calculated V""

/ 0

/'
/

V/( -----r>

/7V y ()

./

~
V

/.

1/~ I

-.4

-.3

K'
'0

(per rad)

-.2

-,I

o
o 4 8 12 16 20

ANGLE OF ATTACK,a'(deg)

SKETCH (a)
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TABLE 5.~.2.2·A

SUBSONIC ROLLING MOMENT WITH RESPECT TO SIDESLIP -VARIATION WITH ANGLE OF ATTACK

DELTA PLANFORM CONFIGURATIONS

DATA SUMMARY

I
.- -_.~ - I- . ---- ---

·-~:~T-
-- --1 ---- '" --

!

K' K' 6K'
I p Ip Ip

Configuration i
• - i leading ex Calc. Test Calc.·Test

Ref. A I (dogl S i Ed.. i (dogl (per rad) (per radJ (per rad)
i

-:I1---- -----+-
I

-

I
I

I IRouOO I4 050 1.076 '5 0,386
,

0 0 0

I I
R, .. 2.10 in. I I

I
I

I ,
I

, -LE i 5 ! -0.076 -0.077 0.001 II 3

I
,

i
,

I
I

10 , -0,148 -0.138 -0.010 I

I
j j I I I,

I
15 I -0.210 -0.1B3 -0.027 I

I 20
I -0.257 -0.212 -0.046 i
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TABLE 5.5.2.2·A (CONTO)

1
5a

K' K' M'

5
I p I p lp

• -- Leading a Calc. T... Cslc.-Test
Ref. Configumion A ldogl 5 Ed.. Ideo) (per radl (per radl (per red)

I i I Sharp I

I II 6 0·2 1.016 15 0.349 0 0 0 0

l I
, • 580 I I

i I '1
5 -0.079 -0.070 -0.009 I• I

I
! I

10 -0.162 --0.148

I
-0.014 i

• i I
I I . 15 -0.185 -0.210 0.025

I
I

• 20 --0.118 -0.274 I 0.156

II Round I0-6 1.016 15 0,386 0 0 0 0

I
R , • 1.05 in.

-LE 5 -0.076 -0.067 -0.009
3

!
10 -0.147 -0.138 --0.009 I
15 -0.210 -0.195 ~O.O15 I

• 20 -0.257 -0.250 -0.007 I
Aourd I0-6 1.868 25 0.236 0 0

I
0 0

I
R, - .525 in.
-LE 5 -0.071 -0.078 0.007 i3

! !
10 --0.132 -0.137 {I.005 i

15 -0.171 -0.155 -0.016

II 20 -0.112
I

-0.143 -0.029, I
Round

1 d 0.183 10.5 0.518 0 0 0 0

I R , - .50 in.
I

-LE 5 -0.086 --0.090 0.004
3

j
'0 -0.160 --0.172

I
0.012

15 -0.208 -0.246 0.038
• I

I 20 --0.173 ·-0.215 0.042 I
8 Hypersonic· 0.14 12 0.29 Sharp

I
0 0 0 0 I

boost-glide , - 10.1° I

without tip '1 5 -0.093 -0.091 -0.002
connarw:t

j
ventf'llil 10 -0.200 -0.174 -0.D26

1
15 -0.291 I -0.261 -0.030

20 --0.361 I -0.392 0.041:
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5.5.3 WING, WING-BODY SIDESLIP DERIVATIVE K~~

5.5.3.1 WING, WING·BODY SIDESLIP DERIVATIVE K~~ AT
ZERO NORMAL FORCE

A. SUBSONIC

This section presents a method, taken from reference I, for eStimating K~. ,the yawing-moment
_N 0

coefficient with respect to sideslip at zero normal force, for delta and modified-delta configurations at
subsol)ic speeds.

The yawing moment due to sideslip is estimated by determining the side force due to sideslip and
determining its effective point of application. The side force due to sideslip at zero normal force is
estimated by using the method of Section 5.5.1.1.

The nature of the side force, and consequently the location of the center of pressure, is basically
different for thin and for thick wings. As noted in Section 5.5.1.1, the side force at zero normal force is
assumed to be composed of two parts, side force due to skin friction and side force due to the pressure
acting on the configuration. For thin wings the side force is produced primarily by skin friction, and the
side-force center of pressure can be related to the wing planform. As the wing thickness is increased, the
side force is produced primarily by the difference in pressure distribution between the right and left
sides. While the wing planform area would be expected to influence this pressure dIStribution, the
side-area distribution has a major effect. In accordance with these considerations, the skin-friction drag
component is assumed to act at the centroid of the planform area and the pressure-drag component at
the center of pressure of the side area of the configuration.

An empirical correlation was used to determine the position of the resultant of the side-force
components. It was assumed that the center-of-pressure position of the pressure component depends
primarily on the shape of the side area and that the influence of other geometric parameters can be
neglected. Test data indicated that nose shape has an important influence on this center-of-pressure
location, and the final correlation is presented as a function of the ratio of the side area forward of the
20-percent root-chord point (see figure 5.5.3.1-6) to the total side area.

The zero-normal-force sideslip derivative Ky. for very thin wings is taken to be equal to the
-NO

incompressible skin-friction coefficient of the wing, which is taken as Cr = 0.006, so
that Ky ~ =-0.006 per radian, based on planform area. This value is maintained constant for

N 0th in

wing

thicker wings, since the side force due to pressure is much greater than that produced by friction and a
more accurate value of it is not required.

DATCOM METHOD

The zero-normal-force sideslip derivative K' of a delta or modified-delta configuration, based on the
nONo

product of planform area and span Sb, and taken about an axis at the nose of the configuration, is deter
mined from the procedure outlined in the following steps:

5.5.3.1-1



Step I. From the configuration geometry determine the following:

the projected side area of the configuration

the projected side area of the configuration forward of 0.2 c,

the distance from the nose of the configuration to the centroid location of
the wing planform, positive aft of the nose

the distance from the nose of the configuration to the centroid location of
the projected side area, positive aft of the nose

Step 2. Determine K' bynp
NO

= (Ky + 0.006)
~o

where

xcentroids
BS

X centroids
Os Xcentroidw

---~ - 0.006 (per radian)
b b

5.5.3.I-a

(xc,P')p

xcentrolds
BS

b

is the side-force coefficient due to sideslip at zero normal force, obtained
from Section 5.5.1.1.

is the ratio of the centcr-of-pressure location of the pressure component
of side force to the centroid location of the projected side area.

This parameter is obtained from figure 5.5.3.1 -6 as a function of

(SB ) /SB'. S .2er S

is the wing span.

A comparison of KN. calculated by using this method with test results is presented as table 5.5.3.t-A.
-NO

The sideslip derivatives Ky PN 0' used to obtain the calculated values of K~PN 0 in table 5.5.3.I-A,

were calculated by using the method of Section 5.5.1.1.

It should be noted that a considerable amount of scatter was involved in the data correlation used to define
the center-of-pressure location of the pressure component of side force. For configurations with values
of (SBs) .zc/SBs greater than approximately 0.15, the location of (xc.pJ. is not well established.

Sample Problem

Given: A delta-series configuration of reference 6 designated 0-2.

5.5.3.1-2



~-----c,-------I
~~======}}

5 = 142.3 sq in.

Cr = 23.0 in.

Compute:

So = 49.68 sq in.
s

b = 12.374 in.

(So) = 1.99 sq in.s .2 cr

hb = 4.32 in.

So /5 49.68/142.3 = 0.349
s

Ky = -0.110 per r.d (figure 5.5.1.1-6)
PNo

xcentroidw = 2c,/3 = 2(23.0)/3 = 15.33 in.

xcentroidS = 2c,/3 = 15.33 in.
Os

(Sa) /50 = 1.99/49.68 = 0.040
S .2e, S

= 1.04 (figure 5.5.3.1-6)

Solution:

-0.006 (equ.tion 5.5.3.1-.)

5.5.3.1-3



0.110 + 0.006) (1.04)
15.33

12.374
~ 0.006

15.33

12.374

= ·0.1414 per rad (based on Sb)

ThIS compares with a test value of -0.1485 per radian from reference 6.
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TABLE 6.6.3.1-A

SUBSONIC YAWING MOMENT OUE TO SIDESLIP AT
ZERO NORMAL FORCE

DELTA PLANFORM CONFIGURATIONS

DATA SUMMARY

Ref. Configuration A
b

(In.) S

--r-------r:~~N I
xcentr°ids x I" 0

9 S centroidw Calc.
(In.) On.1 (per rwj) ,

.:IK •
n~

NO

C.Ic.·Test ~

(per rodl

-0.003

-0.004

0.0081

0.019

0.0312

0.0295

0.068

0.0757

0.0247

0.093

0.048

-0.055

-0.003

-0.005

0.0264

0.009

0.026 i

0.0075

0.059

-0.0339

0.056

-0.073

-o.OO3_J

-0.0705

-0.152

-0.012

o

-0.073

o

o

-0.1485

o

-0.0372

0.0138

-0.0114

o

-0.223

-0.0287

-0.615

-0.0344

-0.743

-0.585

-0.572

-0.709

-0.2407
I
I -0.109

-0.718

-0.164

-0.164

-0.003

-0.005

-0,568

-0.004

-0.0033

-0.003

-0.141

-0.164

-0.020

-0.041

-0.005

-0.003

-0.059

-0.004

-0.006

-0.006

-0.524

-0.683

-o.68B

-0.003

31.55

16.11

14.89

35.38

15.33

35.38

16.871'"

lB.47

21.07

26.24

32.15

29.78

45.48

14.89

39.37

12.55

12.57

12.11

15.08

14.72

13.81

35.38

35.38

16.54

15.33

13.83

13.B3

11.50

14.40

13.00

28.68

36.38

35.38

13.B3

10.48

27.65

20.28

24.82

12.31

10.00

10.48

10.48

31.55

35.38

36.38

10Cld

0.102

0.212

0.167

0.207

0.207

0.128

0.207

0.207

0.051

0.051

0.072

0.051

0.051

0.215

0.040

0.102

0.102

0.102

0.189

0.215

0.215

0.089

0.129

0.386

0.262

0.386

0.282

0.528

0.050

I 0.348

13.13

27.70 0.070

26.26

12.44

38.37 0.244

34.08 0.325

14.17 0.293

34.00 0.045

27.20 0.050

36.50 0.045

611.(18 O. 108

48.23 0.162

12.37

11.10

17.00 0.050

21.10

I ::::; :::~
I

2.00

3.00

2.00

2.31

3.00

0.783 21.10 0.536

0.783 21.10 0.481

1.147

1.33

1.00

0.783 21.10 0.681

1.076

0.780

200

0.B08 21.10 0.500

1.075

1.076

1.076

1.868

1.094

1.074

1.00

0.50

•

4

d

1

2

4

3

8

8

0-8

0-1

0-2

0-6

0-60

WB-1

we..

we·3

blbosic'

Wing Alone

b(R-1.5 inJ

4

6

10

17

18

18

I

11

I

9

I

Wing Alone
l.-_-l _
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5.5.:U WING, WING·BODY SIDESLIP·DERIVATIVE K~p

VARIATION WITH ANGLE OF ATTACK

A. SUBSONIC

This section presents a method, taken from reference I, for e,timating the sideslip-derivative K~I' varia·
tion with angle of attack for delta and modified-<ielta configurations at subsonic speeds.

Although the pressure distribution over a configuration is altered as a result of the lifting process, test
data show that side·force center-of-pressure location is not affected appreciably by normal force
Therefore, the change in directional stability is attributed to the change in side force due to SIdeslIp as
angle of attack is increased.

Because the location of the side-force center of pressure is considered to be independent of angle of
attack, the relationships established in Section 5.5.3.1 for determining the location of the side· force
center of pressure at zero normal force are also applicable to this section. Furthermore, the nature of
the breakdown of the side force at zero normal force may also be applIed at any angle of attack, and
the expression for determining the directional stability at angle of attack is the same as that presented III

Section 5.5.3.1 for determining K~~ at zero normal force.

The Datcom method is considered valid for sideslip angles between ± 50 and angles of attack from 0 to
200 .

DATCOM METHOD

The variation of the sideslip derivative K~~ with angle of attack, based on the product of planform area
and span Sb and referred to a moment center at the nose of the conflguralton, for a delta or
modified-<ielta configuration at subsonic speeds is given by

K'
n~

= (Ky +
~

( X) xcentroids
c.p. Os

0.006) ---p- ----
xcentroids b

BS

Xccntroidw

-0.006--::
b

(per radian)

where Ky ~ is the side force due to sideslip at angle of attack, obtained from Section 5.5.1.2, and all the
remaining terms are described in Section 5.5.3.1.

A comparison of the variation of K~~ with normal-force variation calculated by using this method will,
test data is presented as table 5.S·.3.2-A.

The comments pertaining to nonlinearities in the variation of side force with sideslip in Section 5.), J.2 atS\l
apply to the side-force cenreroOf-pressure location.

Sample Problem

Given: A delta-series model of reference 6 designated D-2. This is the configuration of Ihe "'lmpIe ['r.,hle- n •

of Section 5.5.3.1.
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S = 142.3 sq in. ~ = 49.68 sq in.
s

Cr = 23.0 in. b = 12.374 in. 6 = 580

°1

The following results from the sample problem of Section 5.5.3.1:

Ky = -0.110 pill" rad
~NO

= 1.04

Compute:

x·
centroid~

S

= xcentroidw = 15.33 in. S /S = 0.349BS

r~Ky~J = 0.335 per rad (figure 5.5.1.2-9)

L(CN-)2J20

= -0.110 + (0.335) (CN ) 2

CD 0

(equation 5.5.1.2-a)

®

Solution:

(cNi

Ky

10.3361 (CNi ~

Iba.tonSI
CN ' (D2 0.336@ -o.110+@

0 0 0 -0,110

0.2 0.04 0.0134 -0.097

0.' 0.16 0.0536 -0.056

0.6 0.38 0.1206 0.011

K'
n~

5.5.3.2-2

(x) xeenlroids
c.p. p BS

= (Ky + 0.006) ---'-- --b--::
~ x centroids

BS

xcentr°idw
-0.006 _._

b
(equation 5.5.3.2-a)



,8

15.33 15.33
; (Ky + 0.000)(1.04) -- - 0.006

~ 12.374 12.374

; 1.288 Ky + 0.0003
~

0 0 0 <9

K'
Ky

n~

~ 1.288 Ky lbased on Sb)

eN'
(bned on Sf

1.288 ® (per rad)
(per radl ® +0.0003

0 -0.110 -0.1417 -0.1414

0.2 -0.097 -0,1249 -0.1246

0.' -0,056 -0.0721 -0.0718

0,6 0.011 0.0142 0.0145

The calculated results are compared with test values in sketch (a) and in table 5.5.3.2-A.

.1.,---r-,-',--r--,---,---r--.,----,
o Test Points

--Calculated

K' 0 +---+---t---+--o---+--//+--+-----;
n~ 0 ,2 // ,6

(per rad) CN1---If---+--t----1
V
f---7y--t---t-- ....-

-, I -f---+---"('(-)--71£/--+---11---+---+--'--__V

-,2 ..A-_...L_-'--_-'-_--'-_--'__'--_-'------'

SKETCH (a)
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TAB LE 6.5.3.2...A

SUBSONIC YAWING MOMENT WITH RESPECT TO SIDESLIP
VARIATION WITH ANGLE OF ATTACK

DELTA PlANFORM CONFIGURATIONS

DATA SUMMARY·

I
I

K' K'
n~ n~

Calc. Tnt
Ref. Configuration A eN' (per r&d) lpe< nodi

• 0-50 1.016 0 -0.164 -0.2407

I 0.2 -().164 -0.2196

0.• -0.164 -0.2035

0.6 -0.164 -

6 0·1 1.015 0 -0.164 -0.109

j
0.2 -0.164 -0.1024

0.• -0.164 -0.1257

0.6 -0.164 -0.1786

0·2 1.076 0 -0.1414 -0.1485

I 0.2 -0.1246 -0.0947

0.• -0.0718 -0.0040

0.6 0.0145 0.0662

0·5 1.076 0 -0.164 -0.233

j
0.2 -0.135 -0.214

0.• -0.0489 -0.1963

0.6 0.084 -

I 0-6 1.868 0 -0.0200 0.0138

I I 0.2 -0.0224 0.031

0.• -0.0309 0.0368

0.6 ~0.0452 0.0279

I. a 0.783 0 -0.718 -0.743

I I 0.2 -0.744 -0.937

~.. -0.941 ---1.006

0.6 -1.220 -1.018 L-- -~~----

0.0767

0.0556

0.0395

-0.055

-0.0616

-0.0384

0.0146

0.0071

-D.0299

-0.0678

-0.0517

0.069

0.079

0.1474

-0.0338

-O.Ob34

-·0.0677

-0.0731

0.025

0.193

0.065

-0.202

5.53 }.)



TABLE 5.5.3.2·A ICONTO)

K' K' "K'
n~ n~ n~

Calc. T... C.Ic,·Test
Ref. Configuration A

CN, I.,... rod) I"", rod) I"", rod)

1. bl.....,) 0.783 0 -0.586 -0.585 0.019

I I 0.2 -0.615 -0.760 0.145

0.' -0.762 -0.875 0.113

0.6 -1.006 -0.950 -0,056

b(R-1,5 in.) 0.8Cl8 0 -0.524 -0.572 0.048

lJ I I 0.2 -0.568 -0.765 0.197

0.' -0.700 -0.912 0.212

O.B -0.921 -0.962 0.041
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5.6 WING·BODY·TAIL COMBINATIONS IN SIDESLIP

5.6.1 WING-BODY·TAIL SIDESLIP DERIVATIVE Cy "

5.G.U W1~(;-BODY-TAIL SIDESLIP DEI{IVATIVE CY3 I~ THE LINEAl{
A~GLE-m'-ATTACK llANGE

The information contained in this Section is for estimating the side-force-CltrVe slope Cy ,? of wing-body-tail com
binations at 10\\1 angles of attack. In general, it consists of a synthesis of material prese~ted in other Sections.
The nwthod of Section 5.3.1.1 based on the apparent.-mass concept for the determination of increments in CYj3 due
to tht' addition of one panel to an empennage is extcnded herein to determine the total empennage sideslip deriva
tive Cy~ at low angles of attack,resulting from the addition of all the panels present in t.he empennage. The meth
ods pretented include the mutual interference effects of other vehicle components.

The main contributions to the derivalive eYe will come from the fuselage and the vertical stabilizers. The wing
contribution is a function of a

2
and can usually be neglected at low angle of attack. A discussion of the various

aerodynamic aspects associated with the build-up of vehicle components in relation to side force are discussed
in Sections 5.2.1.1 and 5.3.1.1 and are not repeated here.

The methods presented herein are based on the procedufC of totaling the coefficient of the wing-body configuration
and the incremental coefficient of the total empennage resulting from the addition of all panels present ill the em
pennage.

A. SIIBSONlC

Three methods of estimating the subsonic derivative C Yt3 of a complete configuration arc presented, differing in
their treatment of the incremental coefficient of the total empennage; Methods 1 and 2 treat the mutual interference
effects of the wing-body wake aod sidewash independently of the body and horizontal tail end-platc effects and
lump the total empennage increment into a single parametcr, On the other hand, Mcthod 3 utilizes a bnild-up pro
cL-'dure to determine the total empennage increment wherein the mutual interference effects are lumped into a single
effectiveness parameter for each panel in the empennage.

DA TeOM METHODS

Method 1

For configurations with a single vertical stabilizer and with horizontal-stabilizer height ranging from positions on
the body to the top of the vertical stabilizer or configurations with a single vertical stabilizer and with no horizontal
stabilizer the side force due to sideslip is given by

;',fU.I-a

where

(C YB )\\I\ is obtaincd from Section 5,2,1.1

(;\C Y,3)\(\\BIO is the total empennage increment in CY,B obtained. from Method I, paragraph A, Section 5.:~.1.1

Method 2

For configurations with twin vertical panels mounted on the tips of a horizontal tailor wing the side forc(' du(' to
side'lip is given by equation 5,6,1.1-a

CyP ~ (C yP )'B ' (lIC yp) "(WBBl

where

(hC'j..1)V(WBJI) is the total empennage increment in CY,B obtained from Method 2, paragraph r\. Sl'<.:tion :i.:J.l.l
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Method 3

The estimation of the total empennage side-force derivative by this method is based on the apparent-mass concept
for the detennination of increments in Cy,q due to the addition of one panel to an empennage, presented as \lethod
3 of paragraph A of Section 5.3.1.1. That method is extended herein to deternllne the' total sideslip derivative Cvo
resulting from the addition of all panels present in the empennage. The method is Iiroiled to configurations in which
the horizontal tail is mounted on the body or configurations w:th no horizontal tail.

The total empennage contribution to CYf is obtained by adding the increments gained by successive additions of
the panels in the empennage to the wing-body configuration. The order of build-up should proceed as follows:

1. Detennine the increment in CYj3 due to adding the horizontal stabilizer to the wing-body configuration,
(6CY!')H(WB)

2. Detennine the increment in CY,Q due to adding the upper vertical stabilizing surface to the combination of
wing, body, and horizontal stabilizer, (6 Cy !') V(WBfn

3. Detennine the increment in CYj3 due to adding the lower vertical stabilizing surface to the combination of
wing, body, horizontal stabilizer, and upper vertical stabilizer, (6CY!')U(WHIl\)

The side force due to sideslip for the complete configuration is given by

C Yj3 0 (C Yj3 )WH + };p (6C yj3 )p

where the subscript p refers to the panels present in the empennage

5.6.1.1-b

is obtained from Section 5.2.1.1(CY!')WH

({ICy!'>' is the increment in Cy~ gained by successive additions of the panels in the empennage obtained
from Method 3, paragraph A, Section 5.3.1.1

For a wingless configuration, (6 CYj3 )p is based on the vehicle reference area and the contribution of the body to the
total derivative can be obtained from Section 4.2.1.1 as (C yj3 ) B ~ - (CLa)B' based on the vehicle reference area.

Sample Problems

1. Method 1

Given: A configuration of reference 1 consisting of wing, body, horizontal tail, and vertical tail.

Aw " 4.00 Sw 36.0 sq in.

Wing Characteristics

AC/ 4W = 45° f' 0 0 Zw 0

2.7H SII 0 9.0 sq in.

Horizontal Tail Characteristics

zu :0- - 3.30 in.
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Vertical Tail Characteristics

:-;v ;:}5'4 sq in.

:-iACA fi5AIX)fi airfoil

1\.r;l2 v = 0 bv 3.30 in. "v 0 1.00

III c IH.25 in.

M O.fiO

XI 5.R3 in.

r I co 0.8:335 in.

Body Characteristics

vt3
- 10.4 sq in. d 1.667 in.

Additional Characteristics

Compute:

Step 1. Delennine the wing-body contribution to CYf3 using the method of Section 5.2.1.1.

K, 1.0 (midwing)

f 0 !!!. 0 10.95
d

(k2 - k I) 0 0.95 (figure 4.2.1.1-20a)

x,/la =0.319

xo/la = 0.545 (figure 4.2.1.1-20b)

Xo 10.545) 118.25) 0 9.95 m.

-nf<jf .So 0 "~I 0 2.18 sq m.

K(C ) (Body Reference Area)
I Y(J B Sw + (equation 5.2.1.I-a)

(
- 2 (k2 - k,) So~(Va2/3)K, ".,3 -- + (1"1 Cy (3)'

Va Sw

1.00«-2) 10.95) (2.18»)( 10.4) + 0
10.4 36.0

-0.115 per rad (based on Sw)

Step 2. Detennine the total empennage contribution to CYf3 using Method I, Paragraph A, Section 5.3.1.1.

(cla)v = 6.57 per rad (Section 4.1.1.2)

(cla)y
K 0 -- 0 1.05 (ratio of incompressible section lift-curve slope to 2,,)

271

by /2r, 0 1.98

k 0 0.76 (figure 5.3.1.1-22d)

(AlY(H)

Av

(Alv(H)

S,,/Sv

1.50 (figure 5.3.1.1-228)

1.50 (A v ) 0 2.75

1.518

K" 0 1.06 (figure 5.3.1.1-220)
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zH/bv " -1.00

(A)v",R) .
---,--=:":' " 1.70 (figure 5.3.1.1-22b)
(Alv(B)

Sv/S w 0 0.165

zw/d" 0

I (AlV"'B) I
A,I( "(/()V(B) 1 + K H - 1

(AlV(B)

- 2.75 {l + 1.06 [1.70 - 1] }

A•• [c.,' 'A ]\;
K I' + tan 0"" V = 3.65

4.79

(equation 5.3.1.1-a)

(CL.)V
~ 1.02 per rad (figure 4.1.3.2-49)

Aerr

= 0.724 + 3.06
1 + COSAcl4W

Zw
+ 0.4 - + 0.009 Aw

d
(equation 5.4.1-a)

" 0.724 + 3.06 (0.165) + 0 + 0.036
(1.707)

= 1.056

(
1 + aCT) qv Sv

af3 q Sw
~

(equation 5.3.1.1-b)

Solution:

= -(0.76> (4.88) (1.056) (0.165)

= -0.645 per rad (based on Sw)

CY/3 (CYjl)wa + (lIC Yjl )V(WBH)

" -0.115 - 0.645

" -0.760 per rad (based on Sw)

(equation 5.6.1.1-a)

The experimental results (based on Sw) from reference 1, are (CYjl)wa = -0.143 per radian, (lICYjl )V(WBH)

" -0.716 per radian, and CYjl = -0.859 per radian.

2. Method 2

Given: A configuration of reference 1, consisting of wing, body, horizontal tail, and twin vertical tails mounted 0

the tips of the horizontal tail. The wing and body are identical to those of sample problem 1 and their
characteristics are not repeated.

Vertical Tail Characteristics

by " 2.00 in.

NACA 65AOO6 airfoil

5.6.1.1-4

b~ 1.00 in. Sv = 3.60 sq in.

¢TE
V

::: 7°

Av 1.11



Additional Characteristics

r, 00.8335 in. bH ~ 4.80 in. M ~ 0.60

o 0.595 (figure 5.3.1.1-24cl

Compute:

Step 1. Determine the wing-body contribution to CYf3 using the Method of Section 5.3.1.1.

(C yf3 )WB ~ -0.115 per rad (sample problem 1)

Step 2. Determine the total empennage contribution to CYf3 using Method 2, paragraph A, Section 5.3.1.1.

b~/bv ~ 0.50

A•• 0 1.0 (figure 5.3.1.1-24a)
A

A•• 0 1.11

(Cyf3 )v.rr 0 1.78 per rad (figure 5.3.1.1-24b)

2r,/b v 0 0.8335

bH 0 4.80 0 0.263
18 18.25

(Cyf3 )V(WBH)

(C Y,8)verr

(CYf3 )V(WBH)

(Cyf3 )v."
2S v

Sw
(equation 5.3.1.1·e)

-<0.595) <1.78) 2(3.60>
36.0

-0.212 per rad (bnsed on Sw)

Solution:

CYf3 0 (C yf3 )WB + (lIC Yf3 )V(WEH)

-0.115 - 0.212

-0.327 per rad (based on Swl

iequation 5.6.1.1-a)
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The experimental results (based on Swl from reference 1 are (Cy~lw. -0.143 per radian, (L\CY~)v(WBH)

~ -0.258 per radian, and Cy~ = -0.401 per radian.

:1. Method 3

Given: The configuration of reference 2, consisting of wing, body, horizontal tail, and upper vertical tail.

--==_:-;z,LJt::::::t,0:::::'L

Aw = 3.0 Sw = 576 aq in.

Wing CharacteriatiCB

Zw = - 2.08 in. r = 0

Horizontal Tail Characteristica

ZH = 0

Ao/'Jv = 41.9
0

>"v = 0.16

NACA 0003.Ml4 airfoil

Av = 1.50

1. = 72,0 in.

M = 0.25

Avo = 1.43

XI = 54.0 in.

rl = 2.76 in.

Vertical Tail Characteriatics

Sv = 153.7 sq in.

>"vo = 0.189

Body Charscteristics

Vr = 133.0 sq in.

Additional Characteristics

r. = 2.76 in

SVo = 109.7 sq in.

bv = 15.23 in.

d = 6.0 in.

Compute:

Step 1. Determine the wing-body conllibution to Cy~ using the method of Section 5.2.1.1.

Zw = - 2.08 = -0.694
d/2 3.0

KI = 1.58 (figure 5.2.1.1-7)

f =.!!!. =12.0
d

k, - k, = 0.955 (figure 4.2.1.1-200)

xl/1. = 0.75

5.6.1.1~



xo/lB 0 0.765 (figure 4.2.1.1"20b)

Xo <0.765) (72.m 0 55.08 in.

SO n(V2

0 28.28 sq in.

«' I K (C ) (Body Reference Area) + (l\ Cyn)r
-vB 'WE I Y{3 B Sw r-o

(
-2(k2-k,) S, (V;'3)

K, '-"3 -- + (l\Cy,,)r
VB Sw

l.58/!-2) <0.955) (28.28\(133.0) + 0
\ 1330 / 576.0

-0.1480 per rad (based on Sw)

(equation 5.2.1.1-a)

0.984 (ratio of incompressible section lift-curve slope to 27r)

Step 2. Determine the total empennage contribution to Cy~ using Method 3, paragraph A, Section 5.3.1.1 to deter
mine the contributions of individual panels.

(c 1,,)v 6.18 per rad (Section 4.1.1.2)

(c La)v
K 0

271

2 AVe 0 2.86

0.995 per rad (figure 4.1.3.2-49)

Determine the increment in Cy~ due to adding the horizontal tail to the wing-body configuration. In this case the
empennage consists of the body and the horizontal tail. The apparent-mass ratio to be found is that due to adding
the horizontal tail to the body, KH(B)'

zH/r] :: 0

KH(B) 0 0 (figure 5.3.1.1-2500)

(equation 5.3.1.1-el

o

Determine the increment in Cy~ due to adding the upper vertical stabilizer to the wing-body-horizontal tail con
figuration. In this case the empennage consists of body, horizontal tail, and upper vertical stabilizer. The apparent
mass ratio to be found is that due to adding the upper vertical stabilizer to the combination of body and horizontal
tail, KV(BH)'

" 0.246; (r,/b)" " 1.000; (r,/b)v
existing added
panel panel

= 0.181

5.6.1.1-7



By using the above parameters and Table 5.3.1.1-A, KV(BfO can be obtained from figures 5.3.1.1-25b, -25c, and
. r,

-2,',d II1terpolated for a value of -- = 0.246.
bw/2

K\ (BID :: 1.225

S""- K V(BIn <CLa)Y
Sw

-(1.225) (2.85) 109.7
576

(equation 5.3.1.1-<1)

Solution:

-0.665 per rad (based on Sw)

(equation 5.6.J.1-b)

- 0.1480 + 0 - 0.665

- 0.813 per rad (based on Sw)

. The experimental results (based on Sw) from reference 2 are (CY~ lWB
= -0.556 per radian, and CY~ = -0.705 per radian.

B. TRANSONIC

- 0.149 per radian, (6 CY~)V(WBfO

A brief discussion of the flow phenomena associated with forces generated on a vertical panel at transonic speeds
is given in paragraph B of Section 5.3.1.1. The effect of wing-body wake and sidewash, and the mutual interference
effects between component combinations at transonic speeds are extremely sensitive to changes in local contour.

At the present time these effects cannot be predicted with accuracy and the vehicle sideslip derivative CYa is
usually obtained by wind-tunnel testing or estimated from comparison with similar configurations.

DATCOM METHOD

No method is available in the literature for estimating the vehicle sideslip derivative CY~ at transonic speeds
and none is presented in the Datcom. Some typical transonic data for this derivative are presented as figure 5.6.1.1-14.

C. SUPERSONIC

The procedure for estimating the supersonic aideslip derivative CY~ of a wing-body-tail configuration is essentially
the same as that at subsonic speeds. The problem of estimating the contribution of the empennage is complicated
by the presence of shock waves. This effect is discussed in paragraph C of Section 5.3.1.1.

DATCOM METHOD

The side force due to sideslip for the complete configuration at supersonic speeds is given by equation 5.6.1.1-b

CY~ = (CY~)WB + Lp (6Cy~)p

where the subacript p refers to panels present in the empennage

is obtained from Section 5.2.1.1

are the incrementa in Cy~ gained by successive additions of the panels in the empennage obtained
from paragraph C, Section 5.3.1.1

The older of configuration build-up will generally proceed as outlined for subBOnic speeds (Method 3, paragraph Al.
The one exception to that build-up procedure is the case at supersonic speeds where the vertical panels are stag-

5.6.I.1..'l



Kered along the burly 80 that their leading edges intersect the body at different locations. In this case, the panel
whoae leading edge intersects the body farthest aft is added first.

This m£..4.hod is limited to configurations in which the horizontal tail is mounted on the body or configurations with
no horizontal tail.

For a wingless configuration the remarks following the Datcom methods of paragraph A above are also applicable
at supersonic speeds.

Sample Problem

Given: The configuration of reference;~ consisting of wing, lxxIy, horizontal tail, upper vertical tail, and IO\'.;;r

vertical tail.

SUe ~ 3.24 sq in. ALEU ~ 70.2°

Additional Characteristics

bH 9.12 in.

Ic v• 0.392

bu 2.56 in.

b v ~ 7.08 in.

Zw ~ 0

Wing Characteristics

bw ~ 19.08 in.

Horizontal Tail Characteristics

ZH ~ 0.84 in.

Vertical Tail Characteristics

19.20 sq in. ALEv ~ 49.2°

Ventral Tail Characteristics

114.5 sq in.Sw

Sv.

Aw 3.18

AH 3.06

AVe 1.48

Au. ~ 0.2025

M ~ 2.01

S, ~ 0.50 sq in.

-, 0

I-' ~ sin 11M ~ 29.8

S, ~ 4.63 sq in.

Sact ~ 0.875
S.,xt

r, ~ 1.75 in.

S2 ~ 14.56 sq in.

r2 ~ 1.496 in.

S3 ~ 2.74 sq in.

5.6.1.1-9



( 'om pUlp:

:-\Il'\) I. J)Nt.'rmine the wing-bod.)-.' contribution to eyA .

The Datcom does not prcspnt methods at supersonic speeds that wi II predict the side-force characteristics
of the wing-body configuration of this sample problem. In such ca~ws it is suggested that test results of a
~imilar configuration be used, if available, and corrected for the difference in relative size of the fuselage
and wing for the two configurations. If the vertical location of the wing on the fuselage is not similar, a cor
rpetion for wing-fuselage interference must al:'iO be made.-

All experimental result for «(\-;<)WI'I is not available for this configuration. Use is made of the experimental
rpsult for (t y ,? ) "'lUI . 1-Iowe\'er, the increment due to adding the horizontal tail to the wing-body configuratioil
will he computed for the sake of completeness.

1('..,';')\\Hl - -O.:n5 per rad (based on Sw)
t<,-'.;(

:)kp~. I)plpmlinp the total empennage contribution to eYe using the method of paragraph C, Section S.:1.1.1 tp

detpnnine the contributions of individual panels.

{'pppr Vertical Panel Lower Vertical Panel

,'Ie,,), LIO per rad

I figures .1. 1.:l.2-5 6c,-56d, -5 6e interpolated

for ~'" c 0.:392)
le'a I, = 2.35 per rad (based nn S'el

tan A LEU

tan ALEU (CNa)u = 1.73 per rad (figUl'e 4.1.:3.2-56d)

(CNa)u = 0.622 per rad (based on Suel

2 Ay " tan

tan ,.\ LE\

\ I.E, c :l.42

= 1.1585 = 0.664
1.744

f3 = 0.628

Detennine the increment in Cy J3 due to adding the horizontal tail to the wing-oody configuration. It: this ca:--p
the empennage consists of the body and the horizontal tail. The apparent-mass ratio to he found is that due
to adding the horizontal tail to the body, KH(B)'

( ZH)= 0.84 =0.480;(~)= 1.496 = 0.328
r1 1.75 bll /2 4.56

From figllfe 5.3.1.1-2500, values of KH(B) are obtained for (ZII) = 1.0, 0, -1.0 at(~) = 0.328
r1 bH /2

Since K charts are not presented for the case of a horizontal surface added to an elliptical hody the body
is considered circular and an interpolation is perfonned to obtain

KHiB) at( ::') = 0.480"

K
'

1(1l) = 0.130

The side-force-curve slope of the body is given by slender-body theory. (C y ~ ) R

SORP.f Sact
(I'ICv~)H(WB) = KH(B) (CV~)B -Sw (equation 5.3.1. I-g)

Sext

1O.130l (_2)(71r1r2 ) 10.875)
114.5

-See rererence !i for dlscussinn or 'design corrections.

--See Method 3, patagrllph A. Se<;lion 5.3.1.1 for interpolation procedure.

5.6.1.1-10
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1II.130l (_2)[(17) \1.75) <1.496) 1(0.875)
. 114.5

o - 0.0163 per rad (based on Sw)

Detennine the increment in CY,B due to adding the upper vertical stabilizer to the wing-body-horizontal
stabilizer combination. The empennage in this case consists of the body, horizontal tail, and upper vertical
stabilizer. The apparent-mass ratio to he found is that due to adding the upp... v~rtical stabilizer to the body
and horizontal tail, KV(um.

In the configuration sketch part of the upper vertical panel S I senses only the wing-body combination, while
82 senses only the body. Therefore, the effective apparent-mass ratio is given by

K' K S,
V(HB):: V(WB)-

Sv.
+ K V(B)

(-'1...) 0 1.170;(~)
r2 bw/2

00.157;( r~)v 0 0.247,(~-)u = 1.000
added eJl:lsting
panel panel

0.157 and r,/r, 0 1.170,

By using the above parameters and table 5.3,1.1-A it is seen that Kv(WB) can be obtained from figures
5,3.1.1-25b, -25c, -25e, and 5.3,1.1-25x, -25y, -25z, and 5,3,1.1-25dd, -25ee, -25ff, interpolated for

....':.L
bw/2

KV(WB) 0 1.49

Determine KV(B):

= 0.247'(E!.)' 0 1.000, b U
existing
panel

By using the above parameters and table 5.3.1.1-A it is seen that KVCB) can be obtained from figures
5.3.1.1-25a, -25w, and -25cc, interpolated for r,/r, 0 1.170

KVCB) 0 1.27

K~(HB) 0 <1.49)( 4,63 )+ <1,27)(14,57) 0 1.32
19,20 19,20

(equation 5.3,1.1-0

- <1.32) (2.35) 19,20
114,5

-0.520 per rad (based on Sw)

Determine the increment in CY,B due to adding the lower vertical stabilizer to the wing-body-horizontal
stabilizer-upper vertical stabihzer combination. The empennage in this case consists of body, horizontal
tail, upper vertical stabilizer, and lower vertical stabilizer. The apparent-mass ratio to be found is that due
to adding the lower vertical stabilizer to the combination of body, 'horizontal tail, and upper vertical stabilizer,
KU(BHV).

5.6.1.1-11



In the configuration sketch part of the lower vertical stabilizer S, senses only the body, while S. senses both
lhe body snd horizontal tail. Therefore, the effective apparent-mass ratio is given by

K' K S3
l-:HH\1:: U(B) S

U.

Determine KUB):

• K U(B1f)

(!-,-)= 1.170; (!.!..) U
r2 b added

panel

= 0.685; ('~) v = 1.000
existing
panel

By using the above parameters and table 5.3.1.1-A it is seen that KU(B) can be obtained from figures
5.3. 1. 1-25a, -25w, and -25cc, interpolated for r,/r. = 1.170.

KU(B) = 3.0

Determine K U(B1f):

=0.685; U-,-)v = 1.000; (...2:L) = 0.328; (ZH) = 0.480
b existing bH /2 f 1

panel

Since the horizontal tail is located below the body centerline and the body is elliptical, we have a hori
zontal tail-body combination not covered by the K charts of Section 5.3.1.1. To handle this case, either
the body has to be considered circular and an interpolation made for horizontal tail height, or the hori
zontal tail has to be assumed to be located at the mid-position and an interpolation made between r,/r.
ratios. A comparison between figures 5.3.1.1-25d, -25z, and 25ff shows that a small variation in cross
section has a significant effect on the apparent-mass ratio in the region of (rl/b)u = 0.685. Therefore,
an interpolation for body shape will be made rather than for horizontal tail height.

From figures 5.3.1.1-25c, -25d, -25e and 5.3.1.1-25y, -25z, -25aa and 5,3.1.1-25ee, -25ff, -25gg obtain

K WID interpolated for ...2:L = 0.328. An interpolation between those values of KU(BID gives, for
(r,/r.) = 1.170 bH /2

K WID = 3.04

K~(BHV) = (3.0>(2.74)+ (3.04)(0.50)
3.24 3.24

= 3.01

-(3.01) (0.622) 3.24
114.5

= -0.053 per rad (based on Sw)

5.6.1.1-12
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Solution:

(equation 5.6.1.1-b)

For this sample problem use is made of the test result for (C YIl )WaH' so

CYIl 0 (CYIl)wBH + (IlCYIl )V0VBH) + (IlCYIl)u<WRHVl

0(-0.315)+ (-0.520> + (-0.053)

o -0.888 per rad (based on Sw)

The experimental result from reference 3 is CYIl 0 -0.888 per radian (based on Sw).
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5.6.1.2 WING-BODY-TAIL SIDE-FORCE COEFFICIENT
Cy AT ANGLE OF ATTACK

The wing-body-tail side force developed at combined angles is nonlinear with respeet to botb sideslip and angle of
attack for the reasons cited in the introductory remarka of Sections 5.2.1.2 and 5.3.1.2, and as in those Sections, to
obtain Cy • it is recommended that Cy be calculated at several angles of attack for a small sideslip angle
(;1.<': 4°l. fhen at each angle of attack the side force is assumed linear with sideslip for small values of f3 so that

Cy
('yO' -

f3

A. SUBSONIC

No method is presently available for determining the wing-body-tail side force at large angles of attack and sub
sonic speeds. The method presented herein is restricted to first~rder approximations at relatively low angles of
attack.

DATCOM METHOD

It is recommended that the method of paragraph A of Section 5.6.1.1 be used, with consideration given to the angle
of attack restriction presented in figure 5.1.1.1-4.

B. TRANSONIC

The comments appearing in paragraph B of Section 5.6.1.1 are equally appropriate here.

DATCOM METHOD

No method is available for estimating this coefficient and none is presented in the Datcom.

C. SUPERSONIC

The analysis of wing-body-tail configurations at combined angles is taken from reference 1 and ia aecomplished
through a combination of the methods of Sections 5.2.1.2 and 5.3.1.2. Therefore, the discussions in paragraph C of
those Sections apply to this Section ss well. Note in Section 5.3.1.2 thst the method is limited to configurations
with circular bodies, and to the analysis of horizontal tail effecta only when that surface is body-<nounted.

In addition to the phenomena previously discussed, three types of interference exist between the wing and tail sur
faces. If the vertical tail panels are in the wing-flow field, mutual interaction occurs in the same way ss that be
tween horizontal and vertical tail panels. This effect is taken into account through the apparent-msss factor con
cept. Secondly, there is interference due to the wing-flow field which alters the local dynamic pressure and Mach
number acting on the vertical tail surfaces. This is a nonlinear effect of angle of attack and is taken into account
by a tail effectiveness parameter 7)w based on tw<H:Iimensional shock-expansion theory. Wing-vertical tail inter
ference also results from the effect of the wing-flow field on the body vortices. The positions and strengths of the
body vortices are both influenced by the wing. The wing-flow field cuts off the body feeding vortex sheet along the
leegth of the exposed wing root chord and the body vortex path is curved as it passes through the wing-flow field.
The effect of the wing is taken into account herein by an approximation to the method of reference 2. It is sssumed
that both vortex strengths and positions are those about a body alone, foreshortened by the length of the exposed
wing root chord. This assumption satisfactorily accounts for the effect of the wing-flow field on vortex streogth
but neglects the effect of the wing-flow field in altering the path of the vortices; however, the error introduced at
small angles of sideslip is negligible.

Two methods are discussed in reference 2 for approximating the !>ffect of the wing-flow field on the body vortex
positions. One method is based on two-dimensional shock-expansion theory which precludes accurate prediction of
lateral vortex positions and also restricts the results to configurations with slender wing panels. A second method
applicable to slender configurations is suggested in which the calculation of the vortex paths with the wing panels

5.6.1.2-1



prC'Sl'llt can hL' madl' by using slender-body theory and proceeding step by step. However, the practical calculation
of the paths with any degreL' of aecuracy requires the usc of automatic computing methods.

Sections 5.2.1.2 and 5.3.1.2 have considered separately wing-body and tail-body configurations. Wing-body-tail
configurations may be classified as either uncoupled, coupled, or partially coupled, depending on the physical
relationship between the wing-flow field and the tail. The three classes of configurations are illustrated in sketch
(al. For the uncoupled configurations a body section separates the wing from the empennage so that the wing-flow
field does not directly impinge on the tail surfaces. For the coupled configuration the tail surfaces are totally en
veloped in the wing-flow field. Partially conpled configurations have part.ial coupling between the wing-flow field
and the tail. The primary difference between the three classes of configurations in so far as the present theory is
concerned is that the shock-expansion effects of the wing on the tail are neglected when dealing with uncoupled
configurations.

The wing-flow field at angle of attack and supersonic speeds is defined by the method outlined in Section 5.3.1.2
for detennining the horizontal tail-flow field at angle of attack and supersonic speeds.

/1/ //// 1/ /// // @/<~ <::_-+(='===-Jl/ <:::-~(,-.=~-{~~,-',

" " " ""
Coupled Partially Coupled

SKETCH (a)

/
/

/
/

i ,,
Uncoupled

DATCOM METHOD

The method for detennining the wing-body-tail side-force coefficient at combined angles is given by

CYWBHVU = CYWB + CYHVU(WB)

where

5.6.1.2-a

is the wing-body contribution obtained from equation 5.2.1.2-a

is the empennage contribution obtained from equation 5.6.1.2-b

The contribution of the empennage is given by

CvIlVUWB) = CYH(B) + CYv(~) + CyU(~)

where

5.6.1.2-b

is the horizontal tail contribution obtained from equation 5.3.1.2-b

is the vertical tail contribution obtained from equation 5.6.1.2-0

Cy~) is the yentral fin contribution obtained from equation 5.6.1.2-<1

Tbe order in which the tail panels should be added to the wing-body configuration for analysis purposes parallels
that prescribed in Section 5.3.1.2 for a tail-body configuration.

Tbe contribution.of the vertical tail is given by

Cyyf07) = CYY(K.4» + Cyy(rll)

for uncoupled configurations. and by

5.6.1.2-0

CyYf'7) = [CYY(K.4» + CyV(r;) 7)wy

for coiJpled or partially coupled configurations;

5.6.1.2-c

5.6.1.2-2



CY\"(K,rP)
accounts for a and j3 cross-coupling and any mutual interaction between the v(~rtical tail and
other surfaces in the empennage and is given by equation 5.3.1.2-d. In addition, any impinge
ment of the wing-flow field on the vertical tail must be considered in detennining the effective
apparent-mass factor K~. The method for defining the wing flow field is the same as for the
horizontal tail, and is given step-by-step in paragraph C, Section 5.3.1.2. Note that the upper
trailing edge is marked by a shock wave rather than a Mach line.

accounts for the effect of body vortices on the vertical stabilizer, and includes influence of the
wing on the vortex strength. The wing effect is approximated by for~shortening the body length
by the exposed wing root chord c re when finding vortex strength and position from figures

al(x - X - C )
4.3.1.3-13b, 4.3.1.3-14, and 4.3.1.3-15. That is, the figures are entered with • '.

r

rather than a(x - xs ) .* The results are then applied to equations 5.3.1.2-f and 5.3.1.2-e to
r

obtain CYv(I",.**

is the tail effectiveness parameter of the upper vertical stabilizer obtained from figure 5.6.1.2- 9
as a function of angle of attack and Mach number. These charts take into account the changes in
dynamic pressure and Mach number at the tail by direct application of two-dimensional shock
expansion theory. Any effects of wing-body interference or wing section in distorting the shock
expansion field are neglected.

For a specified initial Mach number there is a maximum value of the angle of attack for which
there exists an oblique shock solution. Or, conversely, for a specified angle of attack there is
a minimum initial Mach number for which there is an oblique shock solution. The relation between
Mach number and angle of attack below wh ich no solutions for TJ w may be obtained is indicated
in sketch (a) of Section 5.3.1.2.

The procedure for using these charts is

Step 1: Draw on transparent paper the relative positions of the wing exposed root chord and the
vertical surfaces. Choose the scale so that the exposed chord length coincides with that
shown in figure 5.6.1.2- 9 .

Step 2: Overlay the drawing on the figure to locate the tail in the proper influence zone.

Step 3: The vertical tail is divided into several areas. The average value of TJw v in each area
is multiplied by the ratio of its area to Sv•.

Step 4: Sum the weighted values of TJwv to obtain the total tail effectiveness parameter TJwy .

Step 5: Inte,!,olation for angle of attack andlor Mach number may be necessary. If so, a three
point interpolation for a should be made using weighted values of TJwv ' Two points
are sufficient for Mach number interpolation.

The contribution of the ventral fin is given by

CyU(~) ~ C yu

for uncoupled configurations, and by

CYUt'>l ~ C yu TJwu

for coupled or partially coupled configurations;

5.6.1.2-d

5.6.1.2-d'

• tr xlJ Indicates vortex separation art of the exposed wing root-chord leading edge, then only that portion of ere aft of the Indicated aeptvation
point Is Subtracted.

•• The vortex position" given by equation ~.3.1.2-r are the position" at a given longitudinal station about the body alone foreshortened by c re
and do not Include the efteots of the wing-flow field in altering the path" of the vortices.
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('''I accounts for II ,md cross-coupling and any mutual intc'radion bl'twl'l'll Hl{' Vl'l'tival tail dml

other surfaces in the l'mpennage, and is given by equation 5.:L 1.2-g. rn additioIl, allY i:npil:ge

ment of the wing flow field on the ventral t.ail must be considered in delerming the pffpdiYl'

apparent-mass factor K~T'

')"u is the tail effectiveness parameter of the ventral fin and is obt.ained from figurE' S.'6.1.2- 9 \)\
following the steps describing the detenninatton of T)w v'

As noted in paragraph C of Section 5.3.1.2, the body vortices do not affect tbe ventral fin.

Values for the incremental coefficient resulting from the addition of vertical tails to wing-body l'onfigurnticJTls, '.':11·
culated using the Datcom method, are compared with experimental results in figure 5.G.1.2-8. The correlation h~·-

tween experiment'and estimate is relatively gcxxl at f3 :::. 5.1 Q and poor at p ':.: 10". The poor correlation nt ~n'

CiUl be attributed to the assumption that the body vortex positions are those about a body foreshortcne,l hy t.h\~

lpngth of the exposed wing root chord. This assumption neglects the effects of the wing-flow field on the body
vortex positions and poor correlation can be expected at higher sideslip angles where viscous lateral cross~f1{)\\

effects become important.

Sample Problem

Given: Configuration of sample problem, paragraph C, Sections 5.2.1.2 (with slight boattaiD and 5.:U.2. There IS
no horizontal tail on this coilfiguration. Some of the characteristics are repeated. Find t.he side-force coef
ficient developed by tbe wing-body-tail combination at a 0 12°, ;3 0 4°, and M - 2.01.

~ 00.200
bv

bw 0 24.0 in.

Cbaracteristics

ALEV 0 32.5°

•

Sw 0 144.0 sq in.

Sv. 0 31.6 sq in. SUe =8.54 SQ in. SI =0.40 sq in. S2 = 31.2 sq in. S3 = Su. =8.54 sq in.

x = 32.8 in. (x measured from nose to 5O-percent-chord point of MAC of exposed vertical paneD

Cv
WB

= -0.400 (sample problem. paragrapb C, Section 5.2.1.2)

CvH(B) = O· (no _ntal tail on this configuration)

At positive angle of attack, vertical-tail exposed root-cbord leading edge is aft of ventral-fin exposed root
cbord leading edge.

5.6.1.2-4



\'l'lltral fiJI L., lIllt inl1u('IIl'l'd h.v pres('!lcl'of upper vertical tail at this angle of' attack nnd \lacll llumIK'r.

('lllll'q..,'uratioll IS partially ('()up!pd at this anl-:lp of attack and ~.1a('h numbN.

J)l'lNtIliIlP the \'('rtical tail contribution Cy \('T] ,

l\~ I.I:l (mf'lhod of parat..'1'aph C, Section ".:3.1 I with S I :: 0.40 SQ in. and 3 2 =: 31.2 SQ in.)

K t) 0,(iH7 figurp ~.:l.1.2-12 Ht Ir,/b), 0.2(0)

('''' __1.)\ 2.12 ~)('r rad (basl'd on 8\e) (sample problem, paragraph C, Section 5.3.1.2)

S
Cy )", ¢) I.K; - K¢, atan AI.E) J I-CNa )" (3 S~ (pquation 5.3.1.2-<1)

[ 1.1:3 - lO.li87)<O.209l tan 32.5" J (- 2.12) 10.070) ( 31.6 )
144.0

- 0.0339 (based on Sw)

For the purpose of finding vortex characteristics:

x, 0 10.6 (figure 4.3.1.3-13a at 0' _ 12.65°)
r

- lO.li - 8.90) _ 1.180
1.50

Vortex separation is forward of exposed wing root-chord leading edge.

a' (x - X s - c, ) ( 32 8
~------,,-" - 0.221 -'-

r 1.~0

Yo _ 0.63 (figure 4.3.1.3-14)
r

Zo _ 1.25 (figure 4.3.1.3-13b)
r r

- 0.62 (figure 4.3.1.3-15)
r;.

277a'Vr

¢ - 18.4° (sample problem, paragraph C, Section 5.3.1.2)

then the positions of the body vortices at the vertical tail (neglecting the effect of the wing-flow lield in
altering the paths of the vortices) are:

r IZo Yo I- - cos ¢ + - sin ¢
bv r r

(equation 5.3.1.2-0

_ 1.50 [1.25cos 18.4° + 0.63 sin 18.4°]
7.48

0.278

rlzo Yo I- -sin¢ - -cos¢
bv r r

(equation 5.3.1.2-0

.L§Q [1.25 sin 18.4° - 0.63 cos 18.4°]
7.48

-0.0408
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Zv2 :: ~[ZO cos¢; _ Yo sin ¢J
b" bv r r

(equation 5.3.1.2-0

o 1.50 [1.25 cos 18.4° - 0.63 sin 18.4
0

] 0.198
7.48

YV2 r [zo Yo J
o - - sin 1> + - cos 1>

bv bv r r
(equation 5.3.1.2-0

(figure 5.3.1.2-13a)

o 1.50 [1.25 sin 18.4° + 0.63 cos 18.4°] 0 0.199
7.48

::: ::.: 1
lIiv 0 iv, - i

V2
0 (-0.9) - (-0.6) 0 -0.3

(equation 5.3.1.2-e)

o (-0.3) (0.62) [(-2.12) (0.221) (31.6) ]

( 7.48 _ 1)<144.0)
1.5

o 0.00478 (based on Sw)

Detennine tail effectiveness parameter Y]wy

By interpolation using figures 5.6.1.2 -9g, -9h, and -9i, obtain 7)w v 0 0.98 (see steps I through 5,
page 5.6.1.2-3)

[(-0.0339) + (0.00478)] (0.98)

o -0.0285 (based on Sw)

(equation 5.6.1.2-c')

Detennine the ventral fin contribution CyU(~)

K~ 0 3.15 (method of paragraph C, Section 5.3.1.1 with S3 ~ SUe = 8.54 sq in.)

K¢U 0 0.535 (figure 5.3.1.2-12 at (r,/b)u = 0.492)

CNn = 1.09 per rad (based on Su ) (sample problem, paragraph C, Section 5.3.1.2)u •

[ , ] Su
Cyu 0 CYU(K,¢) Ku + K.pu a tan ALEu (-CNn)u f3 S: (equation 5.3.1.2-g)

= [3.15 + (0.535) (0.209) tan 70°] (-1.09) (O.070l( 8.54 )
144.0

-0.0156 (based on Sw)
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Determine the tail effectiveness parameter TJwu

By interpolation using figures 5.6.1.2-9g, -9h, and -9i, obtain 7Jwu

CYU(") 0 Cyu 7Jwu

(-0.0156) 0.20)

(equation 5.6.1.2-<1')

1.20 (see steps 1 through 5,
page 5.6.1.2-3)

-0.0187 (based on Swl

Determine total empennage contribution

CYHVU(WB) CYH(B) + C Yvcm + CYut»)

o 0 + (-0.0285) + (-0.0187)

o -0.0472 (based on Sw)

Solution:

(equation 5.6.1.2-bl

C YWB + CYHVU(WB)

= (-O.0400l + (-0.0472)

-0.0872 (based on Sw)

(equation 5.6.1.2-a)

This compares with an experimental value (based on Sw) of CYWBHVU 0 -0.096 from reference 3.

REFERENCES

I. Kaattarl, G. E.: Estimation of Directional Stability Derivatives at Moderate Angles and Supersonic Speeds. NACA Memo 12·1·68A,
1969. (U)

2. Nielsen, J. N.: The Effect of Body Vortices and the Wing Shock-Expansion Field on the Pltch·Up Characteristics of Supersonic Airplanes.
NACA RM A~1L23. 19~8. (C) Title Unclasalfled.

8. Spearman. L. M., Driver, C., and Hughes, W. C.: InvestigatIon of Aerodynamic Characteristics In Pitch and Sideslip of a 41:'i° Sweptback·
Wing Airplane Model with Various Vertical Locations of Wing and Horizontal Tall. NACA RM L~4L06, 19110. (U)
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----DATCOM METHOD
o EXPERIMENT

16

(bl Ref: 1
M = 2.94

ANGLE Or ATTACK, a ~ DEG

16 0 1 8 12
o

ANGLE Or ATTACK, (l ~ DEG

4 8 12

(a) ~ef: 11
M 0 2.94

f3 0 5.1" b- 1-- 0- -(

( --~
~-

-- r.- 0

"
Pf3 = ;'0" V -- --J1

'(

~

",/

-; -I(r~-
<:

o
o

-0.12

-0.08

-0.04

16

ANGLE Or AITACK, a ~ DEG

4 8 ~

(d) Ref: 1
M 0 2.94

( 1)--0--h- P = 5.1
0

4
~ [0- --f-_

0 ~
(WRH\'l

~_/lA~
;gI ,

I -J-c::
I2

-0.0

(e) Ref: 1
M = 2:94

ANGLE Or ATTACK, a ~ DEG

01~0~__.....4_..,._..8,........,_....,12_'""'!'_...,16 0 0

rIGURE 5.6.1.2:8 COMPARISON Or EXPERIMENTAL AND CALCULATED SIDE-rORCE COErrICIENT
INCREMENTS DUE TO ADDING A VERTICAL TAIL TO A WING-BODY
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5.6.2 WING-BODY-TAIL SIDESLIP DERIVATIVE Cl~

5.6.2.1 WING-BODY-TAIL SIDESLIP DERIVATIVE C/~ IN THE LINEAR
ANGLE-OF-ATTACK RANGE

The infonnation contained in this section is for estimating the rolling moment due to sideslip C/ ~
of wing-body-tail configurations at low angles of attack. In general, it consists of a synthesis of
material presented in other sections. Discussions of the various aerodynamic aspects of vehicle
components and component combinations in sideslip are presented in other sections and are not
repeated here.

The effect of a horizontal tail is more important in estimating C/~ than Cy ~ and Cn~, since the
tail itself contributes to C/ ~ in addition to affecting the vertical-panel contribution. The effect of
the horizontal tail on the vertical-panel contribution and a discussion regarding the effects of the
induced pressure field on the horizontal tail that is generated by the vertical panel are discussed in
the introduction to Section 5.3.2. I and are not repeated here.

For most configurations at subsonic speeds the horizontal-tail contribution is usually very small,
and reasonable results can be obtained when it is neglected. However, for configurations employing
a large horizontal tail with either significant twist and/or dihedral, the contribution may be worthy
of consideration. For such a configuration the contribution of the horizontal tail may be estimated
by using the method of Section 5.1.2.1; Le., by treating the horizontal tail as an isolated wing.
(Caution should be exercised to make certain the horizontal-tail contribution to C/~ is converted
to the same reference area and length Sw bw as the wing-body contribution, before adding them
together.) However, since the horizontal-tail contribution is very small for most configurations in
the subsonic speed regime, the method presented here neglects its contribution.

At transonic and supersonic speeds the horizontal-tail contribution should not be neglected. At
transonic speeds the pressure field of the entire horizontal surface is affected by the presence of the
vertical panel; while at supersonic speeds the effects are restricted to regions on the horizontal
surface within boundaries defined by the shock-wave pattern of the vertical tail. Because of the
complexity of the problem, no method is presented at transonic speeds. The method presented at
supersonic speeds does not include the contribution of a horizontal tail; however, the effect of the
horizontal tail on the vertical-tail contribution is accounted for as in Section 5.3.2.1.

The methods presented are similar to those of Section 5.6.1.1, in that the derivative of the
configuration is given as the sum of the contributions of the wing-body com bination and the
empennage combination. The method of estimating the empennage contribution to C/ ~ is similar
to that for estimating the empennage contribution to Cn~ in Section 5.6.3.1. That iS,the side-force
contributions of the panels of the empennage are multiplied by an appropriate moment arm to
obtain their individual contributions to the derivative C/~.

A. SUBSONIC

The method of estimating the subsonic values of the empennage contribution to the derivative C/~

is based on the values of Cy ~ estimated by the methods of Paragraph A of Section 5.3.1.1. If the
apparent-mass-concept method (Method 3, Paragraph A, Section 5.3.1.1) is used, the build-up
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procedure outlined in Method 3 of Paragraph A of Section 5.6.1.1 must be applied in determining
the individual side-force derivatives, with one exception. That is, the horizontal-tail increment is not
to he expressed explicitly as a contrihuting term in the total empennage contribution; however, the
effect of the presence of the horizontal tail must be considered in computing the contributions of

the vertical panels.

For most configurations, the presence of flaps at a given lift coefficient causes C/~ to become a
larger negative value (see References I through 7). The exceptions to this are a few cases at low lift
coefficients where C/~ becomes a lower negative value (References 8,9, and 10). However, the
incremental changes in L[ ~ vary dramatically with variations in lift coefficient for different
configurations. This variation in the incremen tal change in C/ fJ with flaps ex tended prevents the
formulation of a hand procedure to estimate the flap effects on C,~.

Comparison of the subsonic method presented here with available flight-test data (References II
through 15) supplements the substantiation of the method based on wind-tunnel data that is
presented in Sections 5.2.2.1 and 5.3.2.1. A typical comparison of flight-test data (Reference I 1)
with the predicted variation of Cl~ as a function of CL'dm is shown in Sketch (a).

.7.6.5

C
LrRIM

.3 .4.2.1oO+__-' ........__--I. ........__--I. ...L.-__-I

/

------CALCULATED
---WIND-TUNNEL-TEST DATA

- - - -FLIGHT-TEST DATA

-.12

-.04
C,

fI
(per tad)

-.08

-.16

SKETCH (a)

As implied in the introduction to this section, the Datcom method at subsonic speeds is applicable
to a configuration with a horizontal tail in the empennage. .

DATCOM METHOD

11,e rolling moment (about the longitudinal slability axis) due to sideslip of a wing-body-tail
configuration, referred to an arbitrary moment center and based on wing area and wing span. is
given by
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where

L p
5.6.2.I-a

p is the subscript referring to the vertical panels present in the empennage (either
an upper vertical stabilizer V or a lower vertical stabilizer 0).

is the contribution of the wing-body configuration to the total rolling moment
due to sideslip, obtained from Paragraph A, Section 5.2.2.1.

is the side force due to sideslip of the added vertical panel determined as
follows:

For configurations with the horizontal panel mounted on the body or for
configurations with no horizontal panel, use Method I or Method 3, Paragraph
A, Section 5.3.1.1. If Method I of Paragraph A of Section 5.3.1.1 is used, the
total empennage increment is given by a single term. If Method 3 of Paragraph
A of Section 5.3.1.1 is used, the build-up procedure outlined in Method 3 of
Paragraph A of Section 5.6.1.1 must be applied to determine the individual
increment of each added vertical panel'.

For configurations with a horizontal panel mounted on the vertical panel, use
Method I, Paragraph A, Section 5.3.1.1. The total empennage increment is
given by a single term.

For configurations with twin vertical panels mounted on the tips of a
horizontal panel, use Method 2, Paragraph A, Section 5.3.1.1. The total
empennage increment is given by a single term.

is the distance measured normal to the longitudinal body axis between the
moment reference center and the MAC of the vertical panel, positive for the
panel above the body.

is the distance parallel to the longitudinal body axis between the vehicle
moment center and the quarter-chord point of the MAC of the vertical panel,
positive for the panel aft of the vehicle moment center."

is the span of the wing.

All geometry used in determining the moment arms for the above method is based on the vertical
panel extended to the body center line.

-See rem.k. of Paragraph A above, regarding horizontal1*l" effects when using Method 3 of Paragraph A of Section 5.3.1.1.
err...rodynamic center of the vertical panel could be used, but the inaccuracies of the bI.ic method do not warrant this dlIgree of

rdin.mem.
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For a wingless configuration, bw is replaced by the vehicle reference length, (t>Cy ~)p is based on
the vehicle reference area, and the contribution of the body alone to the total derivative may be
ignored.

Sample Problems

I. Given: A configuration of Reference 16 consisting of a wing, body, horizontal tail, and
vertical tail. This is the same configuration as that of Sample Problem I, Paragraph
A, Section 5.6.1.1. Some of the characteristics are repeated.

Wing Characteristics:

Aw ; 4.0

1\ ; 40.9°c/2 W

Sw ; 36.0 sq in.

r ; 0

bw ; 12.0 in.

"w ; 0 (midwing)

Xw ; 0.30

Additional Characteristics:

M; 0.60 2y ; 6.035 in. Zy ; 1.65 in. 2r ; 14.3 in.

Compute:

a (dog)
cL It.lt!

0 0

0.1 1.66

0.2 3.20

0.3 '.66

; \.192

-0.0035 per deg (Figure 5.1.2.1-27)

cos 1\c12 = 0.755w

= 0.453

cos 1\c/2
W

5.6.2.1-4
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KM = 1.035 (Figure 5.1.2.1-28a)
"

Kr = 0.91 (Figure 5.2.2.1-26)

( C/
p

) = -0001 (Figure 5. 1.2. 1-28b)
C

L
A .

[(C1
) (C/ ) ]P P

=C- K K+-
L CL A MA f C

L
A

</2 W

= CL [(-0.0035) (1.035) (0.91) + (-0.001)]

= -0.0043 CL per deg

per deg (Equation 5.2.2.I-c)

(AC) = -0.645 per rad (Sample Problem I, Paragraph A, Section 5.6.1. I)
Y p V(WBHj

= -0.0112~ per deg (based on Sw)

Solution:

(Equation 5.6.2.I-a)

(
1.65 cos ex - 6.035 sin ex)= -0.0043 CL + (-0.01125) 12.0 per deg (based on Sw bw)

0) 0
(C/~6

Zv COla "v lin Q

(C/~(W6H) c/
CL

Q Zv cot a "v·in Q
p

(dog) (per dog) fin.) fin'> "w (per degl (per deg)

-0.0043 (0 (0 -0]112.0 -0.01125 0 0+0)
0 0 0 1.660 0 0.1375 -0.00155 -0.00155

0.1 1.65 -0.00043 1.549 0.153 0.1235 -0.00139 -0.00182

0.2 3.20 -O.llOO86 1.647 0.337 0.1090 -0.00123 -0.00209

0.3 4.65 -0.00129 1.544 OA90 0.0962 -0.00108 -0.00237

These results are compared with experimental results from Reference 16 in Sketch (b).
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64
n, deg

2o

--l-i-.
j"--o -1 -r--.. I'-- WB

"- - 1-..1-_ -t-- t- WBHV
3

e*ul~ted
~

r-- -- Tert

o

-0.00

-0.00

-0.00e'fJ
per de~

-0.002

SKETCH (b)

2. Given: The configuration of Reference- 17 consisting of a wing, body, horizontal tail, and
vertical tail. This is the same configuration as that of Sample Problem 3, Paragraph
A, Section 5.6.1.1. Some of the characteristics are repeated.

Wing Characteristics:

Aw = 3.0 Sw = 576 sq in. bw = 41.56 in. Aw = 0

Ac/2 = 33.6°
w

r = 0 Zw = -2.08 in.

Additional Characteristics:

M = 0.25 £y = 24.89 in. Zy = 5.78 in. £r = 51.13 in.

d = 6.0 in. h = 6.0 in.

C L
Q (dog)

hesd

0 0

0.1 2.0

0.2 '.0

0.3 5.7

Compute:
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(:/#) = -0.0027 per deg (Figure 5.1.2.1-27c)
L Ac/ 2W

cOs Ac/2 = 0.8329
W

M cos Ac/
2w

= 0.2082

A

cos Ac/2 W

= 3.60

KM = 1.000 (Figure 5.l.2.1-28a)
A

Kr = 1.000 (Figure 5.2.2.1-26)

( C
/#) = -0.001 (Figure 5. l.2.1-28b)

CL A

l.2yJ\ Zw
=

57.3 b (2b
d) per deg (Equation 5.2.2.I-c)

= (1.2) (1.732) (-2.08) (0.2885)
57.3 41.56

= -0.000524 per deg

+ (/iCI ) per deg
# 'w

(Equation 5.2.2. J-c)

= C
L

[(-0.0027) (1.00) (1.00) + (-0.001)] + (-0.00052)

= -0.0037 CL - 0.00052

(/iCy #) vtWBH) = 0.665 per rad (Sample Problem 3, Paragraph A, Section 5.6.1.1)

= -0.0116 per deg (based on Sw)
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Solution:

(Equation 5.6.2.I-a)

loy cos 0< - £v sin 0< ]

bw

= -0.0037 C
L

- 0.00052 + (-0.0116)

per deg (based on Sw bw )

( 5.78 cos 0< - 24.89 sin 0<)
\ 41.56

CD 0 G
<\)WB

Zv cos cr - fly .in a <:/;Jv'WBH) C/
CL

• Zv COl Q: lZv·in Q
,

Ideg) lpo,<leg) (in.! Un,) bw (po, <leg) (po, dog)

-0.0037 0 [0 -@ ]/41.56 -0.01185 0 0+0
-0.00052

0 0 -0.00052 5.760 0 0.1390 -0.00161 -0.00213

0.1 2.0 -0.00089 5.777 0.870 0.1180 -0.00137 -0.00226

0.2 4.0 -0.00126 5.766 1.740 0.0969 -0.00112 -0.00236

0.3 5.7 -0.00163 5.752 2.475 0.0790 -0.00092 -0.00255

These results are compared with experimental results from Reference 17 in Sketch (c).

64
a, deg

2o
0

.001 1--_ t--'- '- ~ WB -
r-.

WBHV
- l- i-- . ....; F

003 CBlculalled
l.., l.. Teit

004

-0.

-0.

-0
C'fJ

per deg
-u

SKETCH (c)
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B. TRANSONIC

A brief discussion of the flow phenomena associated with the forces generated on vertical panels at
transonic speeds is given in Paragraph B of Section 5.3.1.1. At the present time there are no
methods available to predict the effect of winlt'body wake and sidewash or the mutual interference
effects between vehicle components on the sideslip characteristics at transonic speeds. In addition,
the eITects of the impingement of the pressure field generated by the vertical panel on the
horizontal-tail siIrface are difficult to evaluate.

DATCOM METHOD

No explicit method is available in the literature for estimating the vehicle sideslip derivative C/p at
transonic speeds and none is presented in the Datcom. Some typical transonic data for this
derivative are presented as Figure 5.6.2.1-15.

C. SUPERSONIC

The procedure for estimating the supersonic sideslip derivative C/p is essentially the same as that at
subsonic speeds. That is, the rolling-moment contributions of vertical panels are based on the
sideslip derivative Cy p' The problem of estimating the forces generated on vertical panels is
complicated by the presence of shock waves. This effect is discussed in Paragraph C of Section
5.3.1.1.

As stated in the introduction to this section, no method is available for determining the
horizontal-tail contribution to the derivative qp' However, the effect of the horizontal tail on the
vertical-tail contribution is accounted for by proper use of the apparent-mass factor (K) charts in
determining the vertical-panel side force.

DATCOM METHOD

The rolling moment (about the longitudinal stability axis) due to sideslip of a wing-body-vertical-tail
configuration, referred to an arbitrary moment center and based on wing area and wing span, is
given by Equation 5.6.2. I-a:

C/ = (C1 ) +
P P WB

where C1p ' (qp)w B' z." and bw are defmed in Paragraph A above, and

is the side force due to sideslip of an added vertical panel from Paragraph C of
Section 5.3.1.1. The build-up procedure outlined in Paragraph C of Section
5.6.1.1 (neglecting the contribution of a horizontal tail) must be applied in
determining the individual increment of each added panel. The effect of the
presence of a horizontal tail must be considered in computing the contributions
of the vertical panels.
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is the distance parallel to the longitudinal body axis between the moment
reference center and the 50-percent chord of the MAC of the added vertical
panel, positive for panel aft of the vehicle moment center.'

All geometry used in determining the moment arms of the vertical panels is based on the exposed
panel.

For a wingless configuration the remarks following the Datcom methods of Paragraph A above are
also applicable at supersonic speeds.

Sample Problem

Given: The configuration of Reference 18 consisting of a wing, body, upper vertical tail, and
lower vertical tail. This is the same configuration as that of the sample problem of
Paragraph C, Section 5.6.1.1 with the horizontal tail removed. Some characteristics are
repeated.

Wing Characteristics:

,/
"'- ,/

/ X
--......

7' '""'- ,/ ""-
S.

"'"
Aw = 3.18

Aw = 0.468

Sw = 114.5 sq in.

ALE 48.08°
w

'w = 0

No twist

r = _3.5°

bw = 19.08 in.

Vertical-Tail Characteristics:

Av = 1.48
•

ltSee footnote at bottom of Pate 5.6.2.1·3.

5.6.2.1-10
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AV = 0.392,

Ventral-Tail Characteristics:

Au = 0.2025,

Additional Characteristics:

Su = 3.24 sq in., 2.56 in.

M = 2.01

r2 = 1.496 in.

S2 = 14.56 sq in.

£V = 10.65 in.

J1. = sin-I (11M) = 29.8° r1
= 1.75 in.

rl Ir2 = 1.170 SI = 4.63 sq in.

S3 = S = 3.24 sq in. d/bw = 0.157u,

Zv = 4.05 in. £u = 8.40 in. 'u = -2.05 in.

Compute:

CN = 0.10, '" = 2.20" (test)

Step I. Determine the wing-body contribution (C1 )
~ WB

v'M2 - I = 1.744

ALE = 0.84 rad; 1 + ALE
W W

= 1.84; 1 +
2

= 1.42

= 0.639

A
=

(4.04) (0.445) = 0.565
3.18

(

tan 4ALE w) 4/3 =
(0.2785)4/3 = 0.182
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Dihedral effect

AW.J MZ - I = 5.55;.J M2 - 1 cot ALE = 1.57
W

C, = -0.28 per rad (Figure 7.3.2.2-6)
p

C: ~~)W = 0.805

2

(57.3)2
( : + 2X) C, = -0.000137 (per deg)2

+ 3X W p

(Equation 5.1.2.1-d)

as 2
~ = -0.0005~ (b:) = -0.000022 (perdeg)2 (Equation 5.2.2.I-b)

ac1 )
+ T = -0.000159 r

(CNa)W = 0.041 perdeg (based on Sw) (Section 4.1.3.2)

(
C) = -0.061 CN (CN ) [I + X(I + ALE)lw(1 + Au

2
) (tan A

LEw
)

I~ WB a W W ,,1M2 _ I

(Equation 5.2.2.1-d)

= (-0.061)CN (0.041)(1.860)(1.420)(0.639) [0.565 + 0.182]

+ (-3.5)(-0.000159)

= -0.00315~ + 0.000556 per deg (ba<ed on Sw bw)

Step 2. Determine the empennage contribution

= -0.520 per rad (based on Sw) (Sample problem of Paragraph C,
Section 5.6. 1.1)

0.00'l1 per deg
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The vertical tail in the sample problem of Paragraph C, Section 5.6.1.1 does not "see" the
horizontal tail; therefore the increment in Cy ~ of the vertical tail in the presence of a
wing and body is identical to (6Cy ~)V(WBH) calculated in Section 5.6.1.1.

Calculate the increment in Cy ~ due to adding the lower vertical panel to the
wing-body-uppe....vertical-panel combination. In the configuration sketch the ventral panel
senses only the body. The effective apparent mass ratio is

K'U(BV) = KU(B) = 3.0 (Section 5.3.1.1 with (rl !r2 ) = 1.170,(rl !b)u = 0.685,
added
panel

and (rl!b)v = 1.000)
exhting
panel

(c ) = 0.622 per rad (based on Su ) (Sample problem, Paragraph C, Section
No U •

5.6.1.1 )

(Equation 5.3.1.1-f)

Solution:

= (-3.0) (0.622) C~:~)

= -0.0527 per rad (based on Sw)

= -0.00092 per deg

(Equation 5.6.2. I-a)

[
Zu cosa-2u sin a: )

+ (6C )y ~ U(WBV) hw
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= (-0.00315 eN + 0.000556) + (-0.0091) [4.05 cos'" - 10.65 sin",]
19.08

o [(-2.05) cos'" - 8.40 sin", 1
+ (- .00092) 19.08

= [-0.00315 (0.1) + 0.000556J + [(-0.00193) cos 2.2° + 0.00508 sin 2.2°]

+ 10.00010 cos 2.2° + 0.000405 sin 2.2°]

= 0.00024 + (-0.00173) + (0.000116)

=-0.001374 per deg (based on Sw bw)
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5.6.3.1-a

5.6.3 WING·BODY·TAIL SIDESLIP DERIVATIVE Cn.L1

5.6.3.1 WING-BODY-TAIL SIDESLIP DERIVATIVE Cn.L1 IN THE LINEAR
ANGLE-OF-ATTACK RANGE

The information contained in this Section is for estimating the yawing moment due to sideslip Cn ,13 of wing-body
tail combinations at low angles of attack. In general, it consists of a synthesis of material presented in other Sec
tions. Discussion of the various aerodynamic aspects of vehicle components in sideslip is given in other Sections
of the Datcom and is not repeated here.

The methods presented are based on the procedure of totaling the wing-body contribution and the total empennage
increment as was done in Section 5.6.1.1 for the determination of side force due to sideslip for a complete configu
ration. The yawing moment of the complete empennage is delermined by applying the appropriate moment arm to each
of the ineremental values of side force which make up the total, as determined in Section 5.6.1.1.

A. SUBSONIC

The methods of estimating the subsonic values of the empennage contribution to the derivative Cn,g are based on
the values of CY.L1 estimated by the methods of paragraph A of Section 5.~.1.1. If the apparent-mass-concept method
(Method 3, paragraph A, Section 5.3.1.1) is used, the build-up procedure outlined in Method 3 of paragraph A of Sec
tion 5.6.1.1 must be applied in determining the individual panel side-force derivatives.

Two methods of determining the moment arm through which the empennage panel side force acts at subsonic speeds
are presented in Section 5.3.3.1. The moment arm can be taken as (a) the distance parallel to the longitudinal axis
between the vehicle moment center and the quarter-chord point of the mean aerodynamic chord of the added panel
or (b) the distance parallel to the longitudinal axis between the vehicle moment center and the aerodynamic center
of the added panel. For most cases the simplified approximation (a) is used. However, for short coupled configura
tions where the tail length distance is relatively short and the size of the added panel large the refined approxima
tion (b) is recommended.

DATCOM METHODS

Method 1

Simplified Method

The yawing moment due to sideslip of a wing-body-tail configuration, referred to an arbitrary moment center and
based on the wing area and wing span, is given by

Cn.L1 = (Cn.L1)wa + ~. !-(6Cy.L1 >. :: I
where the subscript • refers to panels present in the empennage

is the contribution of the wing-body combination to the total yawing moment due to sideslip, obtained
from Section 5.2.3.1

is the side force due to sideslip of the added panel determined as follows

For configurations with the horizontal panel mounted on the body, or for configurations with no hori
zontal panel use Method 1 or Method 3, paragraph A, Section 5.3.1.1. If Method 1 of paragraph A of
Section 5.3.1.1 is used, the total empennage increment is given by a single term. If Method 3 of para
graph A of Section 5.3.1.1 is used, the build-up procedure outlined in Method 3 of paragraph A of
Section 5.6.1.1 must be applied to determine the individual increment of each added panel.

For configurations with a horizontal panel mounted on the vertical panel, use Method 1, paragraph A,
Section 5.3.1,1. The total empennage increment is given by a single term.

For configurations with twin vertical panels mounted on the tips of a horizontal panel use Method 2,
paragraph A, Section 5.3.1.1. The total empennage increment is given by a single term.
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5.6.3.1-b

t. is the distance parallel to the longitudinal axis between the vehicle moment center and the quarter
chord point ofthe MAC of the added panel, positive for the panel aft of the vehicle moment center

bw is the span of the wing

Method 2

Refined Method

In this case the sideslip derivative Cnll , referred to an arbitrary moment center and based on wing area and wing

span, is given by [ (t. + (x •.
c
). )]

CDIl = (Cnll)wn +~. -(!'lCyll ). b
w

is the distance parallel to the longitudinal axis between the quarter-chord point of the MAC of the
added panel and the aerodynamic center of the added panel obtained from paragraph A of Section
4.1.4.2, positive for the a.c. behind the quarter-chord point of the MAC. (In determining the vertical
panel a.c. use the aspect ratio of the panel mounted on an infinite reflection plane>.

All geometry used in determining the moment arms for the above methods is based on the panel extended to the
body centerline.

For a wingless configuration, bw is replaced by the vehicle reference length, (!'lCyll ). is hased on the vehicle
reference area, and the contrihution of the body to the total derivative can be ohtained from Section 4.2.2.1 as
(CDIl)n ~ -(Cma)n' based on the vehicle reference area.

Sample Problem.

1. Method 1

Given: A wing-body-horizontal tail-vertical tail configuration of reference 1. This is the same configuration as
that of sample problem I, paragraph A, Section 5.6.1.1. Some of the characteristics are repeated.

Wing Characteristics

Sw = 36.0 sq in.

l n = 18.25 in.

hlw = 1.000

bw = 12.0 in.

xm = 10.42 in.

Body Characteristics

Sns = 25.6 sq in. h, /h 2 = 0.950

M = 0.60
a =0

Compute:

Xm = 0.572
1n

R1 =7.43 x

Additional Characteristics

•10 (based on I n) 1v = 6.035 in.

= 0.975

= 13.00
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l :-.l1lg thp abo\'P COlJlputl'd p<lranH.'lprs and the l{cynolds number obtain K N from figure 5.2.3.1-5

Sn. 1
_--ii ---!! per deg

S..... by,

_ W.(Xll4)( 25.6)( 18.25 )
:16.:1 12.0

(equation 5.2.3.I-a)

-0.00151 per deg (based on Swbw)

-0.0865 per rad (based on Swb w)

U\CYA)V(WHIO 0 -0.645 per rad (based on Sw) (sample problem 1, paragraph A, Section 5.6.1.1)

Solution:

Cnll 0 (Cnll)wB + :!:p !-(!lCy,9)p ~: I
(Cnll)wB t [ -(6C YIl )V(WBH) ~: I
-0.0865 t 1-(-0.645)(~·g~) 1

-0.0865 + 0.324

0.2375 per rad (based on Swbw)

(equation 5.6.3.1-a)

The experimental results (based on Swbw) from reference 1 are (Cnll)wn -0.063 per radian, (I'.Cnll)v(WBH)
o 0.350 per radiBn, and Cnll = 0.286 per radian.

2. Method I

Giyen: The wing-body-horizontal tail-vertical tail configuration of reference 2. This is the same configuration as
that of sample problem 3, paragraph A, Section 5.6.1.1. Some characteristics are repeated.

Wing Characteristics

Sw = 576 sq in.

I B = 72.0 in.

h/w = 1.000

bw = 41.56 in.

X m = 39.60 in.

Body Characteristics

SBs = 349,9 sq in. h ,/h. = 0.730

M = 0.25

I H = 26.2 in.

Compute:

;m = 0.550
B

Additional Characteristics
6R1 = 9.73 x 10 (based on IB )

a = 0

Iv = 24.89 in.

= 0.854

= 14.80
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l'sing the parameters computed above and the Reynolds number obtain K N from figure 5.2.:3.1-5

S J.
= - KN ~ ....!!. per deg

Sw bw

_<0.0013)(349.9)( 72.0 )
576.0 41.56

(equation 5.2.3.I-a1

" -0.001365 per deg (based on Swbw1

-0.0782 per rad (based on Swbw1

From sample problem 3, paragraph A, Section 5.6.1.1

(6C Yp 1H (WB) " 0

(6C Yp 1v(WBH) " -0.665 per rad.(based on Sw)

Solution:

Cnp " (Cnp)WB + ~. [-(6Cyp ). :: 1

" (Cnp1 wa + [-(6Cyp 1H(WB) :: 1

(equation 5.6.3.1-a)

" -0.0782 + 0 + [-(-0.6651( 24.89) 1
41.56

" -0.0782 + 0.398

" 0.3198 per rad (baBed on Swbw)

The experimen~1 results (based on Swbw) f~m reference 2 are (Cnp)wa ; -0.057 per radian, (6C np 1v(WBH)

; 0.409 per radIan, and Cnp ; 0.352 per radIan.

B. TRANSONIC

A brief discussion of the flow phenomena associated with forces generated on vertical panels at transonic speeds
is given in paragraph B of Section 5,3.1.1. At the present time there are no methods available to predict the effect
of wing-body wake and· sidewash or the mutual interference effects between vehicle components on the sideslip
characteristics at transonic speeds.

DATCOM METHOD

No explicit method is available.for estimating the vehicle sideslip derivative Cnp at transonic speeds and none is
presented in the Datcom. Some typical transonic data for this derivative are presented as figure 5,6.3.1-8.

C. SUPERSONIC

The procedure for estimating the supersonic sideslip derivative Cnp of a wing-body-tail configuration is essentially
the same as that at subsonic speeds. The problem of estimating the forces generated on vertical panels is compli
cated by the presence of shock waves. This effect is discussed in paragraph C of Section 5.3,1.1.

The moment arm through which an added verticsl panel acts can be taken 'as (a) the distance parallel to the longi
tudinal axis between the vehicle moment center and the 5O-percent~hord point of the mean aerodynamic chord of
the added vertical panel or (b) the distance parallel to the longitudinal axis between the vehicle moment center and
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the aerodynamic center of the added vertical panel. For short-coupled configurations with a large vertical panel the
latter approach is recommended. At supersonic speeds the centroid of area of the region of intcrfercn<.:c approximates
thc cenlcr of pressure in the case of the increment gained by adding a horizontal fwrface.

This method is limited to configurations in which the horizontal tail is mounted on thc body or configurations with
no horizontal tail.

DATCOM METHODS

Method 1

Simplified Method

The yawing moment due to sideslip of a wing-body-tail configuration, referred to an arbitrary moment center and
based on wing area and wing span, is given by equation 5.6.3.1-a

Cnil 0 (Cnil)wa + :l:p [-(l'>Cyil)p :: I
where (Cnil )WB

(6 Cyil)p

Method 2

is defined in paragraph A above, and

is the side force due to sideslip of an added panel obtained from paragraph C, Section 5.3.1.1. The
build-up procedure outlined in paragraph C of Section 5.6.1.1 must be applied in determining the
individual increment of each added panel.

is the distance parallel to the longitudinal axis between the vehicle moment center and the 50
percent-chord point of the MAC of an added vertical panel, positive for the vertical panel aft of
of the vehicle moment center. In the case of the increment gained by adding a horizontal panel,
t p is the distance parallel to the longitudinal axis between the vehicle moment center and the
centroid of the area of the region of interference, positive for the horizontal panel aft of the
vehicle moment center.

Refined Method

In this case the sideslip derivative Cnil' referred to an arbitrary moment center and based on wing area and wing
span, is given by equation 5.6.3.1-b

[ (
tp + (x•.e)p)]Ceil ~(Cnil)WA +:l:p -(6Cyil )p b

w

where (Cnil ),,", (6CYil )p' and t p are defined in Method 1 above, and

(xu)p is the distance parallel to the longitudinal axis between the 5O-percent-chord point of the MAC of
an added vertical panel and the aerodynamic center of the added panel obtained from paragraph C
of Section 4.1.4.2, positive for the a.c. behind the 50-percent-chord point. (In determining the verti
cal panel a.c. use the aspect ratio of the isolated panel mounted on an infinite reflection planeJ

(n the case of the increment gained by adding a horizontal panel, the moment arm is treated as in Method 1 above.

All geometry used in determining the moment arms of the vertical panels in the above methods is based on the ex
posed panel.

For a wingless configuratioll the remarks following the Datcom metoods of paragraph A above are also applicable
at supersonic speeds.
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Sample Problem

Method I

Given: The wing-body-horizontal tail-upper vertical tail-lower vertical tail configuration of reference 3. This is the
same configuration as that of the sample problem of paragraph C, Section 5.6.1.1. Some characteristics are
repeated..

Wing Characteristics

Sw 114.5 sq in.

I B 0 32.88 in.

h/w 0 1.340

bw 19.08 in.

X m 18.00 in.

Body Characteristics

SBS = 92.24 sq in.

M = 2.01

Iv = 10.65 in.

Compute:

Xm = 0.548
I B

(~:f = 1.058

I'
----'l. = 11.72
SBS

Additional Characteristics
6

R1 = 3.38 x 10 (based On l B) a =0

l u = 8.40 in. 1" = 11.45 in..(c.g. to centroid of region of interference)

Using the parameters computed above and the Reynolds number obtain KN from figure 5.2.3.1-5

KN = 0.0017

_K
N

SBS IB per deg
Sw bw

_(0.0017)(92.24) (32.88)
114.5 19.08

(equation 5.2.3.1-a)

= -0.00236 per deg (based on Swbw)

= - 0.135 per rad (based on Swbw)

(I'>Cvjll,~) = -0.0163 per rad (based on Sw)

(1'>~)v(WBH) = -0.520 per rad (based on Sw)

(I'> Cvjl )~ = - 0.053 perrad (based on Sw)

Solution:

(sample problem, paragraph C, Section 5.6.1.1.)

Cnjl = (Cnjl)WB + I. [ -(I'>Cyjl ).

= <Cnjl)WB + [-(I'>Cvjl)~)

5.6.3.1~

~ 1 (equation 5.6.3.1-a)
bw

::]+ [-(I'>CY/J)Y(WBH) ::]+1 -(I'>CYjl)U(WBHV) :~ 1



~ -0.135 t 1-<0.0163)(11.45)] + 1-(-0.520>(10.65)
19.08 19.08

~ - 0.135 + 0.0098 + 0.290 + 0.0233

~ 0.1881 per rad (based on Swbw)

+ 1_ <0.053) (8.40 ) I
19.08

The experimental results from reference 3 (based on Swbw) are (Cnjl)WBH ~ -0.169 per radian. (I,\Cnjl )V(W8H)

= 0.338 per radian, (/,\Cnjl )U(W8!f\, ~ 0.0286 per radian, and C njl ~ 0.1975 per radian.

REFERENCES

I. Sleeman, W. c .. Jr.: An EJqlerimental Study at High Subsonic Speeds of Several Tail ConfigurationS on a Model Having a 4~o Swept back
Wing. NACA RM L~7C08, 1951. (U)

2. SavB,Il;e, H. F., Illld TlnllnR. B. E.: The Subsonic Static Aerodynamic Characteristics of an Airplane Model Having a Triangular Wing of
Aspect Ratio 3. II - Lateral and Directional Characteristics. NACA TN 4042, 1957. (U)

3. Speazman, M. L.. Robinson, R. R., Ilnd Driver, C.: The Etrects of the Addition of Small Fuselage-Mounted Fins on the Static Directional
Stability Characteristics of a Model of a 45° Sweptback Wing Airplane at Angles of Attack up to 15.ao at a Mach Number of 2.01.
NACA RM L56D 16a, 1956. (U)
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5.6.3.2 WING·BODY·TAIL YAWING·MOMENT COEFFICIENT
Cn AT ANGLE OF ATTACK

The wing-body-tail yawing moment developed at combined angles is nonlinear with respect to both
sideslip and angle of attack for the reasons cited in the introductory remarks of Sections 5.2.1.2 and
5.3.1.2. To obtain the derivative SJl it is recommended that Cn be calculated at several angles of
attack for a small sideslip angle \p"; 4°). Then at each angle of attack the yawing moment is
assumed linear with sideslip for small values of 13 so that

A. SUBSONIC

No method is presently available for determining the wing-body-tail yawing moment at large angles
of attack and subsonic speeds. The method presented herein is restricted to first-order
approximations at relatively low angles of attack.

DATCOM METHOD

It is recommended that the method of Section 5.6.3.1 be used in the linear-lift angle-of-attack
range.

B. TRANSONIC

The comments appearing in Paragraph B of Section 5.6.1.1 are equally appropriate here.

DATCOM METHOD

No method is available for estimating this coefficient and none is presented in the Datcom.

C. SUPERSONIC

The discussion of Paragraph C in Section 5.6.1.2 applies here also and will not be repeated.

DATCOM METHOD

The method for estimating the wing-body-tail yawing moment at combined angles is basically that
of Section 5.6.1.2. The yawing-moment coefficient is obtained simply by applying the proper
moment arms to the various side-force coefficients calculated in that section. The restrictions noted
in Section 5.6.1.2 also apply here.

The wing-body yawing-moment coefficient is given by

5.6.3.2-a

where

is the wing-body contribution obtained from EquatiOll5.23.2-a

5.6.3.2-(



(CnkVU<WBI
is the empennage contribution obtained from Equation 5.6.3.2-b.

The contribution of the empennage is given by

2" cos a + 2M sin a

bw (CY~<B) -

2u cos Q' + Zu sin a

- b
w

(CY\J(")

2y cosor+zy sinor

bw (Cy\<.)

5.6.3.2-b

where

is from Equation 5.3. 1.2-b.

is from Equation 5.6.1.2-0.

is from Equation 5.6.1.2-<1.

are defined under Equation 5.3.3.2-a.
Zy

Zu

Values for the incremental coefficient resulting from the addition of vertical tails to wing-body
configurations, calculated using the Datcom method, are compared with experimental results in
Figure 5.6.3.2-4. The assessment of the correlation parallels th~t of the incremental side-force
coefficient,and the comments appearing in Section 5.6.1.2 are equally applicable here.

Sample Problem

Given: Configuration of Sample Problem, Paragraph C, Sections 5.2.3.2 (with slight boattail) and
5.6.1.2. There is no homontail tail on this confIgUration. Some of the characteristics are
repeated. Find the yawing-moment coefficient developed by the wing-body-tail
configuration at or = 12°, fj = 4°, and M = 2.01.

Characteristics:

•
2y = 12.0 in. Zy = 4.15 in. 2u = 12.0 in. Zu = -2.15 in.

5.6.3.2-2

bw = 24.0 in.



(Cn~B ; -0.00695 (Sample Problem. Paragraph C. Section 5.2.3.2)

(C ) ; 0 (no horizontal tail on this configuration)
YHCB)

(Cy) ; -0.0285}
YCn) . (Sample Problem. Paragraph C. Section 5.6.1.2)

(Cy) ; -0.0187
U(n)

Compute:

cosa+zv sin a

b
w

(CY)YCn)

(Equation 5.6.3.2-b)

Solution:

; 0 _ (12.0) cos 12° + (4.15) sin 12"

24.0

(12.0) cos 12° + (-2.15) sin 12"

24.0

; 0.0238 (based on Swhw)

(-0.0285)

(-Om87)

(Cnl,..BHVU ; (Cn\,B +(Cnk~B)

; -0.00695 + 0.0238

; 0.01685 (based on Swhw)

(Equation 5.6.3.2-a)

This compares with an experimental value (based on Sw hw) of(Cn{,.,BIIVU ; 0.0175 from Reference2.

REFERENCES

.. K..u.,I. G. E.l ~Imatlon of DutIQtlonal stability Derlvatlv•• at Mod••• An.I •• and Superaonlo Speeds, NASA Memo 1~·1-l~8A, IUS. (U)

~. Spa_an, L. M., Driver, C., and Huah••, W. C.: mv_alt._tlon of Aerodynamlo Ch.acterlstloa In Pltoh and Sld••Up at .. 48° S_pt.baelr.
Wine Altpl•• Model with V.loue Venloal Looatlona of Wine and HorlaontaJ TaU -B_Io·O•• Pre••nt.lon. M =~.Ol. NACA RM LUL08,
lIua. (lI)
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6.1.1.1 SF.CTlO~ LIFT EFFECTIVENESS OF H1GH·LIFT AND CONTROL DEVICES

Lift effectiveness is defined and used in the literature in several ways. For linear systems, the rate of
change of lift with control or flap deflection at constant angle of attack is frequently used. Th,s
parameter is defined as

(
3C'\

c', = 38!o
In cases where nonlinear effects must be accounted for, it is customary to use lift increments for
flap deflections at constant angle of attack. Another convention frequently used is the rate of
change of zero-lift angle of attack with flap deflection.

(
3<Y) = <Y, =
38 ,=0,

(C" t
----

(C'o),
6.I.I.I-b

Again, for nonlinear characteristics, incremen ts in angle of attack at zero lift are used. Several of
these definitions of lift effectiveness are used in this section, depending upon the particular device
being discussed.

In the linear-lift range, <Yo can be obtained from c." and vice versa, by means of Equations
6.I.I.I-a and 6.1.1.1-b.

The methods presented in this section are limited to subsonic flow.

A. TRAILING-EDGE FLAPS

Trailing-edge flaps operating in the linear-lift range change the lift of the basic airfoil by changing
the effective airfoil angle of attack. The means by which each type of flap accomplishes this end is
discussed in the following paragraphs. Various types of flaps in common usage are illustrated in
Section 6.1.1.3.

Plain Trailing-Edge Flaps

For plain, sealed trailing-edl\e flaps the theoretical derivative c" is a function of flap-chord-to
wing-chord ratio and airfoil thickness ratio. Increasing airfoil thickness increases the theoretical lift
increment for a given flap deflection.

The boundary layer for plain flapped airfoils is shed at the trailing edge of the flap. Lift increments
are therefore sensitive to the conditions of the boundary layer - the thicker the boundary layer the
lower the value of c', derived from the flap. Since boundary layers are thicker on thick airfoils than
on thin airfoils, actual c', values tend to be lower for the thick airfoils.

In general, for a given increase in airfoil thickness ratio the reduclion in c" due to viscous effects is
greater than the increase in c" as predicted from inviscid-flow theory In the charts of this section,
viscous effects are accounted for by using the experimental lift-curve slope as a parameter, since c'o
is influenced by viscous effects in the same manner as c'"

Because of the sensitivity of plain flaps to the boundary layer, the flow separates over thc flap
surface at relatively small deflection angles. The linear range of c" for plain flaps is therefore
limited to the range from 0 to 100 or 150 of flap deflection. An empirical correction factor is
applied in this section to account for the nonlinear effects at high flap deflection.

6.1.1.1-1



Slotted Trailing-Edge Flaps

For efficiently designed slotted trailing-edge flaps the airfoil boundary layer is shed at the slot lip
and a new boundary layer forms over the flap surface. The lift derived from efficiently designed
slotted flaps is therefore not affected by the boundary layer of the basic airfoil. Experimental data
for slotted flaps support this observation.

Fowler Flaps

Many flap designs have been developed in which the instantaneous center of rotation moves
rearward as the flap deflects. An example of such a flap is the Fowler flap.

Aerodynamically, Fowler flaps function in the same way as single-slotted flaps. Additional lift
benefits are derived from such flaps because of the increase in p\anform area due to flap translation.

The effect of translation can be approximated by calculating the increase in airfoil chord as a
function of flap deflection.

Split Flaps

The deflection of split trailing-edge flaps causes a wide wake to appear behind the airfoil. This wake
prevents the realization of the full increase in circulation due to flap deflection. The rate of increase
of lift with flap deflection is therefore lower than that for the corresponding plain flap. The rate
also decreases continuously with increasing flap deflection, because the wake widens as the flap
deflection is increased.

B. JET FLAPS

The term jet flap has been used to describe a propulsive jet emitted from the wing trailing edge as a
plane jet at an angle of inclination to the mainstream. In three dimensions, the jet is distributed in
the spanwise direction on a wing. Such an integrated jet-flap system is depicted schematically in
Sketch (a), along with a definition of the section jet momentum coefficient C•.

In order that the Datcom user may better understand the jet-flap concept, a brief discussion
covering the salient aspects of the jet-flap principle is presented. This general discussion is taken
essentially from References I and 2.

The primary objective of a jet-flap system is to increase significantly the lift component beyond
that which a conventional mechanical flap system can possibly attain. The lift of a jet flap can be
attributed to three different sources as follows:

1.

2.

3.

6.1.1.1-2

Direct-lift component of the jet reaction. This is directly proportional to the jet
momentum emitted at the trailing edge.

Circulation generated around the airfoil. Since the amount of circulation greatly exceeds
that of a corresponding pure airfoi~it is sometimes termed supercirculation. Physically,
this additional increase in lift may be explained as follows: The air on the upper surface
of the airfoil is drawn down by the deflected jet, creating a suction, while the air flow
below is blocked by the jet, producing pressure. Both effects tend to increase lift on the
airfoil. Scientists investigating jet lift prefer to call this circulation effect the
magnification of the direct jet lift.

Automatic boundary-layer control. The jet tends to prevent the flow above the airfoil
from separating by reducing the adverse pressure gradient which the boundary layer must
negotiate. Some reduction of the adverse pressure gradient can be attributed to the jet
entrainment.



L

where

CJl ;:;:
1/2 P V2 c

=.1...
qc and C~ ==

1/2 P V2 c'
=

J

qc'

C" is the section nondimensional trailing-edge jet momentum coefficient.

m
i

is the mass-flow rate of the gas eftlux (per section),

V
j

is the velocity of the gas eftlux leaving the trailing edge of the airfoil.

J is the jet momentum; i.e., the product of mj and Vj •

p is the density of the free stream.

V is the velocity of the free stream.

c is the airfoil chord.

c is the extended airfoil chord (see Figures 6.1.1.1-44 through -46 and Figure 6.1.1.1 -48).

q is the free-stream dynamic pressure.

SKETCH (a)

The above effect that dominates the lift contribution depends on the magnitude of the jet
momentum. The boundary-layer control effect is most significant when the jet momentum is small
(C u < I), while the supercirculation effect predominates when the momentum is moderate or large.

With respect to the supercirculation, the downward extending jet acts generally in a manner similar
to that of a mechanical flap. Although the jet sheet extends downstream to infinity, only its initial
portion, before it has been curved around so as to become almost straight, could significantly affect

6.1.1.1-3



the flow. Therefore, its· effect is analogous to some specific mechanical flap of finite extension. As
the jet momentum is increased, the jet would penetrate farther into the mainstream, corresponding
to a larger mechanical flap. The name "jet flap" was derived from such analogy.

The basic jet-flap scheme, often referred to as an internal-flow system, essentially requires the gas to
be ducted through the wing either to the trailing edge or to a slot at the knee of a flap which is used
for varying the jet angle. Several alternatives to the basic jet-flap scheme have been devised for
directing the gas efflux to the trailing edge. Some of these concepts are shown in Sketch (b). For
the external-flow system shown in Sketch (b), the gas from the engine is ducted or directed outside
the wing. With an underslung podded engine, the round jet may be guided to impinge on a
mechanical flap system and form a flattened jet sheet. Alternatively, with the engine mounted on
the top, the exit nozzle may be elongated spanwise to generate a plane jet sheet. Another approach
shown in Sketch (b) is the augmentor-wing concept. With this scheme the jet efflux can also be used
to drive an ejector system that will, in turn, augment the thrust by the entrainment of the
free-stream flow.

The fact that all these concepts exhibit a flat jet sheet at the trailing edge, which characteristically
has the same effect of inducing supercirculation, provides the basis for a common theoretical
analysis.

The analysis of jet-flap problems inherently requires that the wing and jet be treated as an
integrated system. Thus far, theoretical treatments of jet-flap aerodynamic problems have been
based on linearized small-disturbance concepts. In the context of linearized theory, the basic
difference between the jet wing and a conventional wing is that, in addition to the wing planform,
the jet sheet itself should be regarded as a discontinuity sheet in longitudinal velocity. Roughly
speaking, the jet-flapped wing may be treated as if the wing planform were extended to infinity.
Unfortunately, the shape of the jet sheet, unlike that of the wing, is not known. Thus a dynamic
boundary condition must be introduced for the jet, in contrast to the kinematic boundary
condition for the wing. Therefore, the development of an analytical solution for aerodynamic
characteristics of a jet-flapped wing encounters two difficulties. One is due to the mixed boundary
conditions; the other is due to the fact that the boundary conditions are prescribed over a region of
semi-infinite extent. An elegant solution for the two-dimensional jet-flap problem has beel) obtained
by Spence in References 3 and 4. His approach is based on the assumptions that the flows inside
and outside the jet are irrotational and at constant, although not necessarily equal, densities. Since
entrainment into the jet is neglected, it can be regarded as if bounded by streamlines. These
simplifications enable a relation between the pressure differences across the jet and its curvature to
be found. The limiting case of a thin, high-speed jet is considered by assuming that the jet has zero
thickness but finite momentum. Airfoil thickness is neglected, the airfoil and jet are assumed near
zero angle of attack, and the airfoil and jet boundary conditions are transferred to the semi-infinite
line through the trailing edge and parallel to the undisturbed flow. The result of these
approximations is the representation of the flow by a mixed-boundary-value problem on this
semi-infinite line. Spence has obtained three basic solutions: angle of attack, flap deflection, and jet
deflection. Close agreement has been obtained between Spence's theory and the experimental
results of Dimmock (Reference 5) over the range of jet momentum and jet deflection angles of
practical interest.

Several experimental and theoretical studies have been conducted to investigate the effects of
ground proximity on jet-flapped wings. Insofar as theoretical methods are concerned, however, only
a simple mathematical representation of the two-dimensional jet-flap airfoil has been formulated
(Reference 6).
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C. LEADING-EDGE FLAPS AND SLATS

Leading-Edge Flaps

Leading-edge flaps change the lift of an airfoil by changing the effective angle of attack in the same
way that trailing-edge flaps do. Unlike trailing-edge flaps, however, a positive leading-edge-flap
deflection (nose down) causes a loss in lift instead of an increase in lift. In general, the change in lift
per degree of flap deflection is smaller for leading-edge flaps than for trailing-edge flaps.

Leading-edge-flap effectiveness is not affected by the airfoil boundary layer.

Leading-Edge Slats

The lift parameter c,. for leading-edge slats is affected by two factors. First, the deflection or
rotation of the slat causes a loss in lift similar to that of leading-edge flaps. Secondly, slat extension
or translation increases the plan form area.

D. SPOILERS

Spoilers are generally used for two reasons - for roll control when deflected asymmetrically and for
high drag generation when deflected symmetrically. Only the section-lift aspects of spoilers are
discussed herein.

Many types of spoilers have been developed, depending upon .control-power limitations, structural
limitations, and aerodynamic requirements. Some of the more commonly used types are illustrated
in Sketch (c).

c===~:::::=---
PLUG SPOILER

c======/:::::--
FLAP SPOILER

/

C :k----r
SLOTfED SPOILER

-

SKETCH (c) TYPICAL SPOILER ARRANGEMENTS

Unlike flaps, spoilers operate by causing a loss in airfoil lift - rather than an increase - by
separating the flow downstream. The effective angle of attack is decreased and the lift
correspondingly reduced. There are two viewpoints that can be used in explaining the operation of
spoilers. One is to consider the pressure field over the airfoil and the other is to consider the effect
of the spoiler on the wake pattern. These viewpoints are discussed in the following paragraphs.

For flap- and plug-type spoilers the pressure loading forward of the spoiler (difference in upper- and
lower-surface pressures) is reduced, and the local lift is reduced accordingly. Aft of the spoiler the
pressure loading is increased because of high suction pressures behind the spoiler on the upper
surface. The increase in lift aft of the spoiler, however, does not offset the decrease in lift forward
of the spoiler, and a total loss in lift results. These phenomena are illustrated in Sketch (d).
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SKETCH (d) TYPICAL AIRFOIL PRESSURE DISTRIBUTION FOR PLUG-TYPE SPOILER

For large spoiler deflections a wide wake exists behind the spoiler, the width of which depends
upon spoiler height, location,and airfoil angle of attack. The lift generated from the airfoil is related
to the width and direction of the wake with respect to the free stream.

At subsonic and transonic speeds the wake characteristics vary nonlinearly with angle of attack and
spoiler deflection. Therefore, the corresponding lift characteristics are also nonlinear, as shown in
Sketch (e). The loss in effectiveness at high angles of attack should be noted. This loss, which is
particularly pronounced for thin wings, can be greatly alleviated by the use of leading-edge flaps
(Reference 7) or by incorporating a slot behind the spoiler, as discussed below (Reference 8).

SPOILER EFFECTIVENESS

SKETCH (e) TYPICAL LIFT CURVES FOR PLUG-TYPE SPOILER

For small deflections of plug- and flap-type spoilers, the flow reattaches behind the spoiler and the
spoiler becomes ineffective. This generally occurs for spoiler deflections less than one percent of the
airfoil chord. This problem is discussed in detail in Reference 9.
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One commonly used variation of the flap-type spoiler is the slotted spoiler with a deflector on the
lower surface (see Sketch (c». This system has several advantages. First, the air that is ducted from
the underside of the airfoil relieves the upper-surface suction pressures behind the spoiler and
increases the spoiler effectiveness. Secondly, the problem of flow reattachment does not occur for
small spoiler deflections. Thirdly, the opposing aerodynamic loads on the spoiler and deflector can
be used to achieve low actuation power requirements.

The information presented in this section is limited to the region near zero lift, where the spoiler lift
characteristics are essentially linear with angle of attack.

DATCOM METHODS

A. TRAILING-EDGE FLAPS

Plain Flaps

The section lift increment due to the deflection of plain trailing-edge flaps with sealed gaps, based
on the method of Reference 10, is given by

where

6. I. l.I-c

(C12lj ) theory

c••

is the theoretical flap-lift effectiveness from Figure 6.1.1.1-39a for a given airfoil
thickness ratio and flap-chord-to-airfoil-chord ratio.

is an empirical correction factor obtained from Figure 6.1.1.1-39b

The parameter c•• /(eo)theory used in reading this chart is obtained from Section
4.1.1.2 (Figure 4. I.1.2::Ba).

is the flap deflection.

K' is an empirical correction factor from Figure 6.1.1.1-40. This factor has been
derived from a large body of test data (References II through 28). It corrects ~c.

for nonlinear effects at high flap deflections.

This method does not include the effects of unsealed gaps, beveled trailing edges, or compressibility.

In general, the effectiveness of the control is reduced when the gap is unsealed. This effect is more
pronounced for airfoils with beveled trailing edges than for airfoils with true-contour trailing edges.

The method may be applied to true-contour airfoils or airfoils with slightly modified trailing-edge
contours. The method should not be applied to airfoils with beveled trailing edges. Not enough
experimental data are available to allow a quantitative prediction of the effect of bevel. However,
the data do show a decrease in control effectiveness with increasing bevel.
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Compressibility will have serious effects on the lift effectiveness of plain trailing-edge controls.
Experimental data (References 17, 18, and 57 through 59) show decreases in lift effectiveness up to
one half the low-speed values at high subsonic speeds. Although there are not enough data to allow
a quantitative prediction of compressibility effects, they do demonstrate significant effects of airfoil
thickness, control size, and trailing-edge angle on the control effectiveness as the Mach number is
increased. The onset of an abrupt loss in control effectiveness is delayed to higher Mach numbers by
a reduction in airfoil thickness (References 58 and 59), an increase in control size (Reference 17),
or a reduction in trailing-edge angle (References 56 and 57).

A comparison of low-speed test data with ~c, of plain-flapped airfoils calculated by this method is
presented as Table 6.1.1.I-A.

Single-Slotted Flaps

Two methods are presented for estimating the section lift increment due to the deflection of
single-slotted flaps. Both methods are applicable in the high-flap-deflection range and limited to the
low-speed regime. Method I is preferable when test data are available for the section lift<urve slope
of the unflapped airfoil. When no section lift-curve-s1ope test data are available, Method 2 should be
used.

Method I

The section life increment due to the deflection of single-slotted flaps is given by

6.1.1.1-d

where

c'a is the section lift-curve slope of the unflapped airfoil, including the effects of
compressibility, obtained from test data or Section 4.1.1.2.

C% is the section lift-effectiveness parameter of single-slotted flaps obtained from the
empirical correlation of Figure 6.1.1.1-41. This parameter, based on the data of
References 29 through 50, is presented as a function of flap deflection for several values
of the ratio of flap chord to airfoil chord eric.

6r is the flap deflection.

A comparison of test data with ~c, due to single-slotted flaps calculated by this method is
presented as Table 6. I. 1.1-B.

Method 2

This method (Reference 70) uses the theoretical lift effectiveness of a simple trailing-edge flap as
obtained from thin-airfoil theory, modified by an empirical lift-effectiveness parameter. The
section-lift increment due to the deflection of single-slotted flaps is given by

6. I. l.1-e
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where

c" is th~ theoretical lift effectiveness from thin-airfoil theory of a simple trailing-edge flap,
obtamed from Figure 6.1.1.1-42 as a function of flap-chord ratio CI Ic (see
Figure 6.1.1.1-44 for a geometric representation of CI Ic).

he is the flap deflection in degrees.

1/ 1 is the empirical lift-efficiency factor for single-slotted flaps, obtained from
Figure 6.1.1.1-43a as a function of the effective turning angle <\>,

where

1> = he + .pTE
upper

where

.pTE = tan-I (Y90
- Yloo

)
upper 0.10

6.1.I.I-f

6. 1. I.I-g

Y90 is the upper-surface ordinate of the flap at 90% chord in the
retracted position, in fractions of the chord.

Y100 is the upper-surface ordinate of the flap at 100% chord in the
retracted position, in fractions of the chord.

c'

c
is the ratio of the extended-wing chord to the basic wing chord. (See Figure 6.1.1.1-44
for a schematic definition.)

A comparison of test data with ~c, due to single-slotted flaps calculated by this method is
presented as Table 6.1.1.1-C. These data are the same data that appear in Table 6.1.1.I-B.

It is virtually impossible to present quantitative information on the effects of the various geometric
and aerodynamic variables involved because of the lack of systematic experimental data. Although a
large body of test data is available, the data consist of a large number of unrelated combinations of
airfoils and slotted flaps. The configurations listed in Table 6.1.1.I-B include wide variations in
chordwise position of slot lip, slot-entry shape, slot-lip shape, flap-nose shape, and position of the
flap with respect to the slot lip.

Because of the number of variables involved and the design parameters not considered in the
Datcom methods, the comparison between Iheory and experiment cannot be analyzed by
examining the isolated effect of anyone variable.

Fowler Flaps

Section lift increments for Fowler flaps are obtained by using the methods presented for
single-slotted flaps. Fowler flaps are included in the empirical correlation of slotted-flap lift
effectiveness in Figure 6.1.1.1-41 of Method I. It should be noted, however, that this design chart
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applies only when the Fowler flap is near its fuDy extended position and the slot is properly
developed. Method 2 predicts an increase in lift increment that is directly proportional to the ratio
of the extended chord to the retracted chord.

Not enough test data for airfoils are available to fully substantiate these methods. However, the
accuracy of the methods when applied to Fowler flaps near their fully extended position and with a
properly developed slot should be comparable to that shown for the single-slotted flap methods in
Tables 6.I.I.I-B and 6.1.1.I-C.

Double-Slotted Flaps

Two methods, taken from Reference 70, are presented for estimating the section lift increment due
to the deflection of a double-slotted flap. Both methods are applicable in the high-flap-deflection
range and limited to the low-speed regime. Method I is applicable to the conventional
vane-plus-aft-flap configuration as shown in Figure 6.1.1.1-45 where c1/c2 ,,;; 0.60. Method 2 is
applicable to a double-slotted configuration where the two flap-chord segments are apprmdmately
equal (see Figure 6.1.1.1-46). This configuration is referred to as a double-deflected flap in several
references.

Method I

The section lift increment due to the deflection of double-slotted flaps of the conventional
vane-plus-aft-flap combination is given by

6.I.I.I-h

where

are the empirical lift-efficiency factors for the vane and aft-flap segments
obtained from Figure 6.1.1.1-43a, based on c1 Ic and c2/c, respectively, and the
effective turning angle <1>,

where

<I> = 6 + '" (vane segment)
f) TEuppcr

<I> = 6f + 6f + "'TE (flap segment)
1 2 upper

and "'TE is defined in Equation 6.1.1.I-g.
upper

are the theoretical Iifting-efficiency factors for the vane and aft-flap segments
obtained from Figure 6.1.1.1-42 and based on c1Ic and c2Ic, respectively.

All remaining parameters are illustrated and defined in Figure 6.1.1.1-45.

A comparison of test data with Ac. due to double-slotted flaps calculated by this method is
presented in Table 6.1.1.1-0.
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Method 2

The section lift increment due to the deflection of double-slotted flaps with approximately equal
tlap-chord segments is given by

where

1/1 c,
sf

I

6.1.I.I-i

are the empirical lift-efficiency factors for the forward- and aft-flap segments
obtained from Figure 6. I. I. l-43a, based on c; Ic and c2/c, respectively, and the
effective turning angle <1>,

where

<I> = ~f + <PTE
1 upper

<I> = ~f + <PTE
2 Upper

(forward segment)

(aft segment)

and rPTE is defined in Equation 6. I. l.l-g.
upper

are the theoretical lifting-efficiency factors for the forward- and aft-flap
segments obtained from Figure 6.1. 1.1-42,based on c;lc and c2/c, respectively.

is Ihe tuming-efficiency factor of the aft flap obtained from Figure 6.1.1.1-43b,
based on Ihe forward- and aft-flap-deflection angles.

All remaining parameters are illustrated and defined in Figure 6.1.1.1-46.

No substantiation table is presented for this method because of the lack of test data for this type of
configuration. However, for those cases that have been evaluated, the accuracy of the method is
analogous to that of Method 1 above.

The double-slotted flap may be defined as a single-slotted flap with a turning vane in the slot.
Consequently, the important design parameters for double-slotted flaps are more complicated than
those for single-slotted flaps, particularly in relation to determining the efficiency of flow through
the slot. As in .the case for single.-slotted flaps, a lack of systematic test data precludes quantitative
examination of the effects of the various geometric and aerodynamic variables involved.

Because of the design parameters not considered in the Datcom method, the comparison between
theory and experiment cannot be analyzed by examining the isolated effect of anyone variable.
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Split Flaps

The section lift increment due to the deflection of split flaps is given by

6.I.I.I-j

where

C'o is the section lift-curve slope of the unflapped airfoil, including the effects of
compressibility, obtained from Section 4. I. 1.2.

"', is the section lift-effectiveness parameter of split flaps obtained from the empirical curves
of Figure 6.1.1.1-47. This parameter, based on the curves presented in Reference 53, is
presented as a function of flap deflection for several values of the ratio of flap chord to
airfoil chord cr/c.

Or is the flap deflection, measured tangent to airfoil lower-surface contour at trailing edge.

A comparison of test data with Llc, due to split flaps calculated by this method is presented as
Table 6.1.1.1-E.

B. JET FLAPS

Methods that are adaptable to a handbook application are not available for all jet-flap schemes. The
method presented below is applicable to the pure jet-flap concept and the internally-blown-flap
(fBF) and externally-blown-flap (EBF) concepts with'a plain trailing-edge flap. For an IBF or EBF
concept with a single-slotted or multislotted flap configuration, this method should be used only as
a first approximation. No handbook method is currently available to analyze the section lift
increment due to an augmentor-wing concept.

The method presented herein is a combination of methods presented in References 2 and 70 (based
on Spence's theoretical results). The pertinent geometrical parameters are defined and illustrated in
Figure 6.1.1.1-48. No substantiation of the method is presented herein; however, the method has
been acknowledged as being substantiated in the literature (References I and 4).

This method is capable of estimating the lift increments in the linear-lift range (preferably at zero
angle of attack) for three types of configurations:

I. Pure jet flap

2. JBF orEBF

3. Combination jet-flap and plain-flap deflection (see Figure 6.1.1.1 -48)

It is of particular interest to note that the factor [J + k, (tic')] in Equation 6.I.I.I-k below corrects
the pressure lift contribution for thickness effects, under the constraint of no trailing-edge
separation. No values for the lifting-efficiency factor are available as a function of flap setting and
jet momentum coefficient. For this reason, the user must exercise caution not to apply the method
to conditions where trailing-edge separation exists and lor low values of jet momentum coefficient
prevail.
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It should be noted that the flap-chord value cr/c' used in Figure 6.1.1.1-49 is not the true
mechanical flap length for flaps with Fowler-type motion. For Fowler-type flaps, the flap chord is
the length from the flap trailing'edge to the intersection of the flap-chord and wing-chord lines.

The section lift increment due to flap deflection and jet efflux of a jet-flap combination, based on
the retracted airfoil chord c, is given by

/lc, ~ HI +k, (:.)J Or (C'Sr - c~)+ c~ Or

+ [I +k, (:.)J OJ (c\ -c~) +c~ OJ} ~

where

k, is the airfoil-theory thickness factor; i.e.,

k, ~ 1.0 for elliptic airfoils

~ 0.637 for parabolic airfoils

6. I. I.I-k

For airfoil sections other than elliptic or parabolic, a value of 0.80 for k, is suggested
(Reference 70).

t7 is the airfoil thickness ratio, based on the extended chord; see Figure 6.1.1.1-48.

c's is the rate of change of section lift coefficient with respect to flap deflection obtained
r from Figure 6.1.1.1-49 as a function of the trailing-edge jet momentum Cp.' and the ratio

of the flap chord to the extended wing chord cr/c'. (The term c~a appearing in
Figure 6.1.1.1-49 is the jet-flap lift-curve slope uncorrected for thickness effects.)

As noted above, the flap-chord value cr is the length from the flap trailing edge to the
intersection of the flap-chord and wing-chord lines.

Cp.' is the section nondimensional trailing-edge jet-momentum coefficient based on the
extended airfoil chord (defined in Sketch (a) of this section).

is the flap deflection in radians, see Figure 6.1.1.1-48.

is the rate of change of section lift coefficient with respect to the jet deflection obtained
from Figure 6.1.1.1-49 as a function of the trailing-edge jet momentum Cp.'.

is the trailing-edge jet momentum angle in radians, with respect to the trailing-edge
camber line, see Figure 6.1.1.1-48.

c'
c

6.1.1.1-14
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C. LEADING-EDGE FLAPS AND SLATS

The available experimental section characteristics for leading-edge devices (References 15, 69, and
76) are insufficient to allow substantiation of the methods presented. However, the methods should
provide results that are suitable for first approximations for flapped airfoils with geometric
parameters within the boundaries of thin-airfoil theory. Consequently, the methods are considered
applicable for airfoil-flap configurations with tic <;; 0.10 and with small flap deflections, in the
linear-lift range (preferably at zero angle of attack).

It should be noted that the c" values for all leading-edge devices are of opposite sign from the
values for trailing-edge flaps.

Leading-Edge Flaps

The method presented below is taken from Reference 70 and is based on thin-airfoil theory. The
section lift increment due to leading-edge flap deflection is given by

where

6.1.1.1-1

c,, is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a
function of the nose-flap-chord to wing-chord ratio cf/c.

Of is the nose-flap deflection in degrees, as shown in Figure 6.1.1.1-51.

Krueger Flaps

The method presented below is a modification of the method presented immediately above
(Reference 70), to account for the chord extension associated with Krueger leading-edge devices.

No substantiation of this method is presented because of the lack of test data. The section lift incre
ment due to a Krueger leading-edge flap deflection is given by

where

~c, 6. 1. l.1-m

c" is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a
function of the Krueger flap-ehord to wing-chord ratio cf/c:

is the Krueger flap deflection, in degrees, as shown in Figure 6.1.1.1-51.

c'
c is the ratio of the extended wing chord to airfoil chord as shown in Figure 6.1.1.1-51.
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Leading-Edge Slats

The method presented here is a modification of the method presented for leading-edge flaps
(Reference 70); i.e., it is modified to account for the chord extension associated with leading-edge
slats. The section lift increment due to a leading-edge slat deflection is given by

where

c,,
c'

5r c 6.1.1. !'m

c'
c

is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a
function of the leading-edge-slat-chord to wing-chord ratio cr/c:

is the slat deflection, in degrees, as shown in Figure 6.1.1.1-5 I.

is the ratio of the extended wing chord to airfoil chord as shown in Figure 6.1.1.1-5 I.

D. SPOILERS

The section lift increment due to either plug or flap spoilers is given by

6.I.I.I-n

where

Co. is the lift-curve slope of the basic airfoil, including compressibility effects, from Section
4.1.1.2.

!i.o,', is the spoiler Iift-effectiveness parameter expressed in terms of change in zero-lift angle of
attack, from Figure 6.1.1.1-52. This design chart, taken from Reference 55, was
developed from data obtained by testing a series of airfoils with various plug-spoiler
configurations.

In Figure 6.1.1.1-52, the parameter x, is the distance from the nose of the airfoil to the spoiler lip,
and h, is the height of the spoiler measured from and normal to the airfoil mean line at x"

Experimental section characteristics (Reference 77) for airfoils with plain or plug spoilers are too
meager to allow substantiation of this method. However, if a reliable value of c, is used, the•method should provide results that can be used with confidence within the limitations of the design
chart for determining !i.a "

The lift effectiveness of a slotted spoiler with a deflector On the lower surface is greater (causes
larger lift loss) than that of plug and flap spoilers. No known method is available for predicting the
section lift effectiveness of slotted spoilers.
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S8mple Problems

I. Plain Trailing-Edge Flap

Given: The flapped airfoil of Reference 13.

NACA 0009 airfoil cr/c = 0.20 R, = 2.76x106

I • rtan"2<1iTE = 0.099 (streamwise air.oil geometry)

Compute:

(c ) = 3.61 per rad = 0.063 per deg
'6 theory

(Figure 6.1.1.1-39a)

C,
Q

= 0.837 (Figure 4.1.1.2-8a)

C,
6

---= 0.725

K' = 0.543

Solution:

(Figure 6.1.1.1-39b)

(Figure 6.1.1.1-40)

(Equation 6.1.1.1-c)

= (50) (0.725) (0.063) (0.543)

:: 1.24

This compares with a test value of 1.15 from Reference 13.

2. Single-Slotted Trailing-Bdge Flap (Method I)

Given: The flapped airfoil of Reference 41 with the slot lip at 0.84 c.

NACA 65·2.10 airfoil

Low Speed; fJ = 1.0

cr/c = 0.25

R" = 6.0 x 1(j6

I ,
tan2 ", TE - 0.084 (streamwise airfoil geometry)
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Compute:

c, (Section 4.1.1.2)
•

(C) = 6.78perrad
12 Q theory

(Figure 4.1.1.2-8a)

(Figure 4. I. 1.2-8b)

(Equation 4. I. 1.2-a)

1.05= - (0.879)(6.78)/57.3 = 0.109 per deg
1.0

" = -0.300,
Solution:

(Figure 6.1.1.1-41)

(Equation 6.1.1.1-<1)

= -(0.109) (-0.300)(50)

= 1.64

This compares with a test value of I.73 from Reference 41.

3. Single-Slotted Trailing-Edge Flap (Method 2)

Given: The flapped airfoil of Reference 41 with the slot lip at 0.84 c
(same sample prClblem as presented for Method I)

NACA 65-210 airfoil

Y90 = 0.01327 c

cf c'= 0.25 = 1.078 ex = 0
c C

Y 100 = 0 Of =50·

Low Speed; Il = 1.0

Compute:

c, = 0.0668 per deg,

6.1.1.1-18
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= tan-I (0.01327 - 0)
0.10

(Equation 6. 1. 1. l-g)

<l> = Of + </>TE (Equation 6.I.I.I-f)
upper

= 50 + 7.56 = 57.560

'1 1
= 0.455 (Figure 6.1. 1. 1-43a)

c'
.ic. = c. Of '1) - (Equation 6.1.1.I-e), c

= (0.0668) (50) (0.455) (1.078)

= 1.64

TIJis compares with a test value of 1.73 from Reference 41.

4. Double-Slotted Trailing-Edge Flap (Method I)

Given: The flapped airfoil of Reference 64.

NACA 64-208 airfoil

M = 0.18

Y90 = 0.01067c

Compute:

c. = 0.0327 per deg
Sf

1

c. = 0.0668 per deg
Sf

2

c) Ic = 0.056

(Figure 6.1.1.1-42)

(Figure 6.1.1.1-42)

c2/c = 0.25 c'/c = 1.127

a = 0

</>TE = tan-) (Y90 - Y)OO \
upper 0.10 J

= tan-) ( 0.01067 -:- 0)
0.10

(Equation 6.1.1.I-g)
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4> = 6y + ~TE (vane segment)
1 upper

= 25 + 6.1 = 31.1 0

4> = 0f + Of + ~TE (flap segment)
1 2 upper

= 25 + 25 + 6.1 = 56.1 0

111 = 0.640 }

112 = 0.470

(Figure 6. \.1.1-43a)

(Equation 6. \.1.1-h)

= (0.640) (0.0327) (25) (1.056) + (0.470) (0.0668) (50) (1.127)

= 0.552 + \.770

= 2.32

This compares with a test value of 2.07 from Reference 64.

5. Double-Slotted Trailing-Edge Flap (Method 2)

Given: The flapped airfoil of Reference 78.

NACA 23012 airfoil

c',jc = 1.10

c; Ic = 0.40

c'/c = 1.14

ezlc = 0.2566

Low Speed; fJ = 1.0

Compute:

= 0.082 per deg

= 0.0672 per deg

6.\.1.1-20

Y90 = 0.0168c

(Figure 6.1.1.1-42)

(Figure 6.1.1.1-42)

YIOO = 0.0013c



.pTE
upper

= tan- I

= 8.80

(
Y90 - YIoo )

0.10

(
0.0168 - 0.0013)

0.10

(Equation 6. 1. l.1-g)

<t>=Or+.p
1 TEupper

(forward segment)

= 30 + 8.8 = 38.80

(aft segment)

= 20 + 8.8 = 28.80

'II = 0.69 }

'12 = 0.71

(Figure 6.1.1.1-43a)

'It = 0.84 (extrapolated from Figure 6.1.1.1-43b)

(Equation 6.1. I. I-i)

= (0.69)(0.082)(30) (1.10) + (0.71)(0.84)(0.0672)(20) [I + (1.14 - 1.10)J

= 1.867 + 0.834

= 2.70

This compares with a test value of 2.69 from Reference 78.

6. Split Trailing-Edge Flap

Given: The flapped airfoil of Reference 75

NACA 23012 airfoil erIc = 0.40

c, = 0.107 per deg (test data)
a

Compute:

" = -0.303 (Figure 6.1.1.1-47)
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Solution:

(Equation 6.1.1.I-j)

; -(0.107) (-0.30) (60)

= 1.92

This compares with a test value of I. 71 from Reference 75.

7. Jet Flaps

Given: The pure jet-flap configuration of Reference 5.

Elliptic airfoil
t-- 0.125
c

cf
0 6f

; 0
c

Compute:

k, = 1.0 (elliptic value)

C 4.0..
'" ; 0

c•
= 1.0

c

6j
; 31.40

c, ; 9.60 per rad
'j

(Figure 6.1.1.1-49)

Since 6f ; 0, the first two terms drop out.

(Equation 6. I. l.l-k)

Ac, ; [ I + (1.0) (0.125») 31.4 (9.60 _ 4.0) + 4.0 (31.4)
57.3 57.3

= 3.452 + 2.192

= 5.64 (based on c)

This compares with a test value of 5.59 from Reference 5.
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8. Leading-Edge Flaps

Given; The flapped airfoil of Reference 15.

NACA 0006 airfoil

M = 0.15

Compute;

c, = -0.00286 per deg,

cr/c = 0.15

(Figure 6.1.1.1-50)

(Equation 6.1.1.1-£)

= (-0.00286) (20)

= -0.057

This compares with a test value of -0.07 from Reference 15.

9. Leading-Edge Slats

Given; The flapped airfoil of Reference 69.

NACA 65AO I 0 airfoil

Low Speed

Compute:

c, = -0.00350 per deg,

cr/c = 0.17

(Figure 6.1.1.1-50)

c'lc = 1.12

c'
.Q.c = c 6-, ',r c (Equation 6.I.I.1-m

= (-0.00350) (25.6) (1.12)

= -0.100

This compares with a test value of -0.19 from Reference 69.
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TABLE 6.1.1.1·A
PLAIN TRAILING.cDGE FLAP EFFECTIVENESS

DATA SUMMARY AND SUBSTANTIATION

6 f
fiel fiel •

Airfoil
Rlo10-8

_.
Rot. Soctlon M e,le (dogl K' Calc Tnt Error

47 23012 .106 3.& 0.10 10 1.000 0.267 0.265 0.8

20 .900 0.478 0.430 11.2

30 .710 0.566 0.54& 3.9

40 .840 0.680 0.685 ·0.7

&0 .595 0.790 0.79& ·0.6

60 .560 0.893 0.895 • 0.2

61 Clark Y .105 0.6' 0.10 10 1.000 0.18 0.22 ·18.2

I
30 .710 0.39 0.40 • 2.6

46 .616 0.&01 0.545 • 8.1

I 60 .560 0.61 0.60 1.7

13 0009 .10 2.76 0.15 10 1.000 0.37 0.39 - &.1

I
20 .890 0.65 0.&7 14.0

30 .695 0.76 0.73 4.1

40 .616 0.90 0.64 7.1

!
&0 .567 1.03 0.97 6.2

60 .631 1.16 1.09 6.4

20 0009 .09 3.4 0.15 10 1.000 0.37 0.40 ·7.5

j j I I J

20
I

.890 0.66 0.60 10.0

30 .695 0.77 0.73 5.&

17 0005 .3 1.0 0.15 5.5 1.000 0.21 0.24 -12.5

I I I I I 10.5 1.000 0.39 0.45 -13.3

30 .,2-118 - 6.0 0.187 10 .887 0.66 0.62 6.&

.- 0.6

II
30 .685 0.762 0.645 - 9.8

40 .810 0._ 1.045 ·13.4

&0 .660 1.038 1.160 ·12.0

13 0009 .10 2.76 0.20 10 1.000 0.43 0.42 2.4

20 .880 0.76 0.74 2.7

30 .670 0.87 0.85 2.4

40 .&92 1.02 0.99 3.0

&0 .540 1.19 1.18 3.5

60 .1101 1.30 1.24 4.9
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TA8lE 6.1.1.1·A ICONTO'

b, I!. C1 I!.cl •
Airfoil Percon'

R.f. Seellon M
R 1 • 10-8 cf/c (dog' K' Calc Test Error

48 23012 .106 3.5 0.20 15 .978 0.595 0.660 ·9.8

I 1 I I !
.

j 30 ,670 0.815 0.B60 · 5.2

46 23012 .106 3.5 0.20 10 1.000
0.

407
1

0.355 14.6

I I I
I

20 .880 0.714 0.655 9.0

I
30 .670 0.815 0.797 2.3

45 .565 1.031 1.025 0.6

I
I 60 .501 1.219 1.245 · 2.1

61 23012 .106 0.61 0.20 15 .978 0.43 0.50 -14.0

30 .670 0.58 0.67 -13.4

45 .565 0.74 0.89 ·16.9

60 .501 0.87 1.02 -14.7

28 Circular Arc .15 6.0 0.20 20 .880 0.82 0.87 • 5.7
0.060

II 40 .592 1.10 1.07 2.8

60 .501 1.40 1.39 0.7

Circular Arc .15 6.0 0.20 20 .880 0.67 0.69 · 2.9
O.lOe

II 40 .582 0.90 1.07 -15.9

60 .501 1.15 1.37 ·16.1

60 651 - 210 .07 1.0 0.20 5 1.000 0.24 0.28 ·14.3

l j j 10 1.000 0.49 0.60 ·18.3

.17 9.0 0.20 5 1.000 0.28 0.25 12.0

10 1.000 0.55 0.48 14.6

15 .978 0.81 0.67 20.9

~ 20 .880 0.97 0.81 19.8

16 63.3- 618 .2 6.0 0.20 10 1.000 0.45 0.45 0

20 .880 0.79 0.654 20.8

30 .670 0.90 0.80 12.5

40 .692 1.06 0.97 9.3

50 .540 1.21 1.09 11.0

60 .501 1.36 1.20 12.6
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TABLE 6.1.1.1·A ICONTOI

6, !lcl !lcl
0

Airfoil Percent

Ref. Section M
Rl x 10-6 c,te Idogl K' Calc To" Error

12 66(215) - 216 .2 6.0 0.20 10 1.000 0.40 0.43 · 7.0

I
.·1.0

J I jI 20 .880 0.71 0.70 1.4

16 66 1215) - 216 .2 6.0 0.20 10 1.000 0.40 0.44 • 9.1

I I 40 .592 0.95 1.10 -13.6

l 50 .540 1.08 1.34 -19.4

60 .501 1.21 1.50 I -19.3

23 6511121 - 213 .15 B.O 0.22 10 1.000 0.53 0.59 - 8.6

I j I 1 J

16 .978 0.78 0.68 14.7

20 .870 0.93 0.86 B.l

11 0009 .09 2.59 0.25 5 1.000 0.246 0.235 4.0

10 1.000 0.493 0.473 4.2

15 .978 0.720 0.680 5.9

20 .840 0.825 0.800 3.1

25 .701 0.860 0.835 3.0

30 .640 0.943 0.850 10.9

27 23015 .106 0.61 0.25 10 1.000 0.29 0.287 1.0

30 .640 0.56 0.530 5.7

45 .540 0.703 0.725 - 3.0

60 .480 0.833 0.933 .10.7

14 Double Wedge .17 5.8 0.25 10 1.000 0.57 0.60 • 5.0

20 .840 0.96 1.08 -11.1

40 .569 1.30 1.30 0

50 .518 1.4B 1.50 • 1.3

60 .480 1.65 1.65 0

13 0009 .10 2.76 0.30 10 1.000 0.55 0.59 • 6.8

1 1 1 I I 20 .800 0.88 0.B7 1.1

30 .607 1.00 0.96 4.2

15 0008 .15 4.5 0.30 20 .800 0:95 1.10 ·13.6

l ! 1 1 ! 35 .607 1.26 1.32 - 4.5

50 ."95 1.47 1.62 ·9.3
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TAILE 1.l.l.I-A (CONTOI

•
Airfoil RJ .10-8

6, fl.cL fl.cL Percent
Rei. Section M ""c (dogl K' Cele Test Error

21 0009 .09 3.4 0.30 10 1.000 0.66 0.55 1.8

I 20 .BOO 0.88 0.80 11.3

I
30 .607 1.02 0.90 13.3

40 .540 1.21 1.07 13.1

45 .515 1.15 1.28 ·10.2

13 0015 .10 2.76 0.30 20 .BOO 0.75 0.78 ·3.8

.j I ! I I 30 .607 0.85 0.99 -14.•

61 Clark V .105 0.81 0.30 10 1.000 0.391 0.475 -17.7

30 .607 0.712 0.755 • 5.7

45

I
.540 0.951 0.935 1.7

60 .460 1.080 1.040 3.8

13 66-009 .105 1.43 0.30 10 1.000 0.66 0.57 - 1.8

1 I j 1 j 20 .BOO 0.90 0.80 12.5

30 .607 1.03 0.90 14.4

57 16-009 .4 1.1 0.329 10.3 1.000 0.43 0.47 • 8.5

66 0009-&4 .4 1.1 0.334 5.9 1.000 0.288 0.332 -13.3

1 I I I I 7.9 1.000 0.388 0.415 - 7.0

9.9 1.000 0.483 0.495 ·2.4

17 0006 .3 1.0 0.35 4.9 1.000 0.30 0.34 -11.8

I I I I I 10.2 1.000 0.62 0.68 ·8.8

11 0009 .08 2.58 0.50 5 1.000 0.37 0.36 2.8

10 .998 0.74 0.71 4.2

15 .910 1.01 0.99 2.0

20 .585 1.01 1.02 - 1,0

25 .590 1.08 1.05 I 3.8

+ 30 .542 1.20 1.i4 5.3

20 0009 .08 3.4 0.50 10 .998 0.75 0.80 - 5.3

20 .585 1.03 1.02 1.0

30 .542 1.22 1.25 • 2.4

40 .485 1.48 1.52 ·3.9

45 .465 1.68 1.55 - 4.2

25 85-210 "" .16 8.0 0.50 4 1.000 0.33 0.31 8.5

j I I I 1
7 1.000 0.67 0.66 ·12.3

--_..•. 10 1.000 0.82 0.85 • 3.6

A.verege Error -~- 7.7"
n
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TABLE 6.1.1.I·B.
SINGLE·SLOTTED TRAILlNG·EDGE FLAP EFFECTIVENESS

OATA SUMMARY AND SUBSTANTIATION

0,
cia

f!.cI f!.cI •
Airfoil

RI·,0-6 (p.. Percent
Ref. S.ction Config.(1) M 13 cf/c (dog) dog) -as Calc Test Error

29 23012 2.' 0.105 0.995 3.5 0.15 30 0.104 .322 1.00 1.00 0

33 23021 2.' 0.106 0.996 3.6 0.16 60 0.097 .150 0.87 1.20 ·27.6

44 23021 2b LS 1.0 7.1 0.15 60 0.097 .150 0.87 0.83 4.8

34 63 (420) ·222 lb LS 1.0 9.0 0.243 30 0.118 .445 1.58 1.41 12.1
.·0.1 I

40 .385 1.82 1.58 15.2

~5 .345 1.83 1.46 26.3

20 .4SO 1.13 1.12 1.0

30 .445 1.58 1.40 12.9

41 66-210 2c LS 1.0 6.0 0.25 30 0.108 .453 1.48 1.46 1.4

I 40 .397 1.73 1.78 • 2.8

45 .356 1.75 1.87 • 6.4

60 .300 1.62 1.73 ·6.4

I 30 .453 1.48 1.54 .3.9

36.3 .421 1.67 1.72 • 2.9

41.3 .388 1.75 1.82 ·3.8

I
46.6 .340 1.72 1.73 • 0.6

30 .463 1.48 1.41 6.0

I 36 .428 1.63 1.54 6.8

23012 I 40 .397 1.73 1.81 • 4.4

29 2.' 0.106 0.995 3.6 0.26 40 0.104 .397 1.66 1.76 • 6.3

3" 66.2. 216 1 Ie 0.19 0.982 6.1 0.26 10 0.106 .609 0.63 0.47 12.8

I .- O.C .

I I! I
I

20 I .490 1.03 0.996 3.6

I 1
30 .463 1.43 1.33 7.5

40 .397 1.67 1.56 7.1

46 .356 1.68 1.63 3.1

32 66.2·216 20 0.19 0.982 6.1 0.25 10 0.106 .609 0.53 0.48 10.4
.-0.6

I 20 .490 1.03 1.00 3.0

30 .453 1.43 1.336 7.1

I 40 .397 1.67 1.566 6.7

46 .366 1.68 1.63 3.1

i 2b 10 .609 0.534 0.496 7.9

I I
20 .490 1.03 1.01 2.0

30 .463 1.43 1.63 ·6.6

40 .397 1.87 1.70 • 1.8

t 46 .366 1.88 1.81 4.3-- .
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TABLE 6.1.1.1·B. (CONTOI

6,
cia

I!t.~l I!t.cl •
Airfoil

RI .10-6 (per Percent

R.'. Section Con'ig.llI M Il cf/c ldeol dogl -a6 Calc Test Error

30 66.2-116 lb LS 1.0 6.0 0.25 15 0.110 .500 0.83 0.70 18.6

1
.·0.6

I I I I I jI 45 .356 1.76 1.80 - 2.3

33 23021 2.' 0.105 0.995 3.6 0.25 40 0.097 .397 1.54 1.76 -12.5

42 Mod. Double lb 0.25 0.97 6.9 0.263 40 0.101 .398 1.61 1.60 0.6W_
35 66.2-222 1. LS 1.0 8.0 0.256 20 0.120 .495 1.19 1.06 12.3

!
.·0.1

I I I J I Ij 30 .460 1.66 1.50 10.7

40 .400 1.92 1.52 26.3

47 23012 lb 0.105 0.995 3.6 0.257 10 0.104 .515 0.54 0.48 12.5

j I I I I
20 .495 1.03 1.00 3.0

30 .460 1.44 1.48 - 2.7

40 .400 1.66 1.64 1.2

50 .305 1.59 1.59 0

43 23021 2b 0.105 0.995 3.6 0.257 10 0.097 .515 0.50 0.49 2.0

20 .495 0.96 1.05 - 8.6

30 .460 1.34 1.30 3.1

40 .400 1.55 1.52 2.0

50 .305 1.48 1.60 - 7.5

60 .220 1.28 1.71 -25.1

lb 20 .495 0.96 0.98 - 2.0

I
30 .460 1.34 1.23 8.9

40 .400 1.55 1.17 32.5

50 .305 1.48 1.37 8.0

60 .220 1.28 1.46 -12.3

37 23030 lb 0.105 0.995 3.5 0.257 10 0.080 .515 0.41 0.41 0

I 20 .495 0.79 0.90 ·12.2

30 .460 1.10 1.15 . 4.3

40 .400 1.28 1.18 8.5

50 .305 1.22 1.20 1.7

60 .220 1.06 1,40 -24.3

46 23012 2.' 0.106 0.995 3.5 0.267 30 0.104 .469 1.46 1.71 -'4.6

I I 2b l j I I 50 I .313 1.63 1.53 6.5

39 23012 lb' 0.105 0.995 3.5 0.30 40 0.104 .440 1.83 1.84 ·0.5

1. 10 .550 0.57 0.57 0

1
20 .531 1.10 1.02 7.8

30 .496 1.55 1.48 4.7

40 .440 1.83 1.82 0.5

-50 .338 1.76 1.96 -10.2
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TAILE 6.1.1.1-1. ICONTDI

Il,
clel D.cl D.ct •

Airfoil
Rt x 10-ll

lpot' Percent

Ro!. Soctlon COnllgPI M II e,f (degl dogl -elll Calc Test Error

39 23012 lb 0.1015 0.1196 3.6 0.30 10 0.104 .660 0.57 0.54 5.6

I I 1

I 20 .531 1.10 1.16 • 5.2

I 30 .496 1.55 1.51 • 1.9

40 .440 1.83 1.51 15.1

40 1111 121A111 2<l 0.20 0.91 9.0 0.35 36 0.105 .499 1.83 1.95 • 6.2

1 I l l I I l 40 I .466 1.96 1.85 5.9

46 .425 2.01 2.13 • 5.6

36 23012 lb 0.1015 0.995 3.6 0.40 10 0.104 .597 0.62 0.63 • 1.6

20 .513 1.21 1.32 • 6.3

30 .550 1.72 1.91 • 9.9

40 .492 2.05 1.76 16.5

50 .368 2.07 2.09 - 1.0

I, 10 .597 0.62 0.48 29.2

20 .513 1.21 1.24 · 2.4

1
30 .550 1.72 1.76 • 3.4

40 .492 2.05 1.73 11.5

50 .396 2.07 2.05 0.5

36 23021 lb 0.105 0.995 3.5 0.40 10 0.100 .597 0.60 0.65 - 7.7

20 .583 1.17 1.17 0

30 .550 1.65 1.53 7.6

40 .492 1.97 1.53 28.8

50 .396 1.99 1.73 15.0

37 23030 lb 0.1015 0.995 3.6 0.40 10 0.080 .587 0.48 0.52 - 7.7

I
20 .583 0.83 1.07 .13. I

30 .660 1.32 1.35 • 2.2

40 .492 1.57 1.40 12.1

&0 .396 1.58 1.66 • 4.2
·Fowler flap • EI,I .7.9lI(1ISIo1·11ep =Migu,_n (see ,ketch b,low) AveragtError

n

Lc...~I-->- C,,-.:.2_>_
Flap Nose Shape

6.1.1.1-34
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TABLE 6.1.1.1-C
SINGLE-SLOTTED TRAILING-EDGE FLAP EFFECTIVENESS

DATA SUMMARY AND SUBSTANTIATION
(See TABLE 6.1.1 .1-B for slot-flap configuration)

•
Airfoil " ~ <I> c', Percent

Ref. Section M R
Q

)( 10-6 cf/c (deg! c (dog) (per deg) ~, ACQcalc Aq"test Error

29 23:>12 0.105 3.5 0.15 30 1.149 38.80 0.0528 0.615 1.12 1.00 12.0
33 23:>21 0.105 3.5 0.15 60 1.157 74.25 0.0528 0.350 1.28 1.20 6.7
44 2:1)21 LS 7.1 0.15 60 1.03 73.9 0.0528 0.35 1.14 0.83 37.3
34 63(420)·422 LS 9.0 0.243 30 1.07 42.1 0.066 0.62 1.32 1.41 -6.4

a'" 0.1

I II I
40 I 52.1 0.52 1.48 1.58 -6.3
45 57.1 0.46 1.47 1.46 0.7
20 32.1 0.697 0.99 1 .12 -11.6
30 42.1 0.62 1.32 1 .40 -5.7

41 65·210 LS 6.0 0.25 29.1 1.075 37.6 0.0668 0.66 1.38 1.45 -4.8
39.1 1.078 47.6 0.57 1.61 1.78 -9.4
44.1 1.076 52.56 0.51 1.63 1.86 -12.4
49.1 1.076 57.56 0.455 1.61 1.72 -6.4
28.2 1.144 37.0 0.66 1.42 1.52 -6.6
34.5 1.141 43.3 0.61 1.60 1.71 -6.4
39.5 1.135 48.3 0.56 1.68 1.80 -6.7
44.7 1.146 53.5 0.50 1.70 1.73 -1.7

2.4 27.5 1.27 33.7 0.69 1.57 1.40 12.1

I 32.5 1.25 38.7 0.65 1.76 1.53 15.0
37.5 1.21 43.7 0.61 1.89 1.80 5.0

29 23012 0.105 3.5 0.25 40 1.25 48.8 0.0668 0.56 1.87 1.98 -5.5
31 66,2·216 0.19 5.1 0.26 10 1.029 21 0.0668 0.73 0.50 0.47 6.4

I
8 =0.6

I J II I
20 1.043 31 0.70 0.976 0.995 -1.9
30 1.058 41 0.633 1.34 1.33 0.8
40 1.068 51 0.53 1.51 1.56 -3.2 I
45 1.073 56 0.47 1.52 1.63 -6.7

I32 66,2·216 0.19 5.1 0.25 10 1.029 21 0.0668 0.73 0.50 0.48 4.2
a" 0.6

20 1.043 31 0.73 0.976 1.00 -2.4
30 1.068 41 0.633 1.34 1.335 0.4
40 1.068 51 0.53 1.51 1.565 -3.5
45 1.073 56 0.47 1.52 1.63 -6.7
10 1.014 21 0.73 0.495 0.495 0
20 1.029 31 0.70 0.96 1.01 -5.0
30 1.043 41 0.633 1.32 1.53 -13.7
40 1.058 51 0.53 1.50 1.70 -11.8
45 1.066 56 0.47 1.51 1.61 -6.2

30 66,2·116 LS 6.0 0.25 15 1.023 26.3 0.0668 0.718 0.74 0.70 5.7

1 8 21 0.6

l ~ I Il 45 1.066 56.3 0.467 1.50 1.80 -16.7
33 23021 0.105 3.5 0.25 40 1.265 54.25 0.0668 0.49 1.64 1.76 -6.8
42 Mod. Double 0.25 6.9 0.253 40 1.006 46.42 0.0672 0.58 1.57 1.60 -1.9

Wedge

35 65,2·222 LS 6.0 0.256 20 1.068 31.3 0.0675 0.70 1.00 1.06 -5.7

I
8" 0.1

! ! 1 1 11 30 41.3 0.63 1.35 1.50 -10.0
40 51.3 0.53 1.51 1.52 --0.7

47 23012 0.106 3.5 0.257 10 1.03 18.8 0.0676 0.73 0.51 0.48 6.3

1 ! ! ! I
20 1.05 28.8

1
0.71 1.01 1.00 1.0

30 1.06 38.8 0.65 1.40 1.48 -5.4
40 1.0705 48.8 0.56 1.62 1.64 -1.2
50 1.08 58.8 0.445 1.62 1.59 1.9
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TABLE 6.1.1.1-<: (CONTO)

,
Airfoil 6f ~ oil Cfl6 Percent

Ref, Section M R
12

x 10-6 cfte (deg) c (deg) (per degl ~, ~CQcalc .:1C12test Error

43 23:>21 0.105 3.5 0.257 10 1.035 24.25 0.0676 0.72 0.50 0.49 2.0
20 1.035 34.25 0.685 0.96 1.05 -B.6
3:> 1.07 44.25 0.603 1.31 1.30 ~.B

40 1.07 54.25 0.49 1.42 1.52 -6.6
50 1.07 64.25 0.405 1.46 1.60 -8.B
60 1.06 74.25 0.36 1.55 1.77 -12.4
20 1.037 34.25 0.685 0.96 0.98 -2.0
30 1.05 44.25 0.603 1.28 1.23 4.1
40 1.063 54.25 0.49 1.41 1.17 20.5
50 1.054 64.25 0.405 1.44 1.37 5.1
60 1.065 74.25 0.36 1.55 1.46 6.2

37 23:>30 0.105 3.5 0.257 10 1.02 29.57 0.0676 0.706 0.49 0.41 19.5

1 1 I 1 1

20 1.072 39.57

I
0.644 0.93 0.90 3.3

30 LOB 49.57 0.550 1.20 1.15 4.3
40 1.103 59.57 0.438 1.31 1.18 11.0
50 1.122 69.57 0.403 1.53 1.20 27.5
60 1.118 79.57 0.35 1.59 1.40 13.6

46 23:>12 0.105 3.5 0.267 30 1.26 38.8 0.069 0.65 1.69 1.86 ~9.1

39 23:>12 0.105 3.5 0.3:> 40 1.31 48.8 0.0725 0.57 1.95 2.17 -10.1
10 1.20 18.8

1

0.743 0.65 0.78 -16.7
20

j
28.8 0.72 1.25 1.22 2.5

30 38.8 0.664 1.73 1.67 3.6
40 48.8 0.57 1.98 2.01 -1.5
50 58.8 0.458 1.99 2.16 -7.9
10 1.20 18.8 0.0725 0.743 0.65 0.73 -11.0
20

!
28.8

I
0.72 1.25 1.38 -9.4

30 38.8 0.664 1.73 1.79 -3.3
40 48.8 0.57 1.98 1.79 10.6

40 51112)All1 0.20 2.4 0.35 35 1.186 43.13 0.0775 0.64 2.06 1.95 5.6

I I I 1 j
40 1.2 48.15 I 0.49 1.83 1.85 -1.1
45 1.2 53.15 0.525 2.20 2.13 3.3

38 23:>12 0.105 3.5 0.40 10 1.065 18.8 0.082 0.77 0.67 0.63 6.3
20 1.088 28.8 0.75 1.34 1.32 1.5
30 1.103 38.8 0.69 1.87 1.91 2.1
40 1.093 48.8 0.59 2.12 1.76 20.5
50 1.09 58.8 0.48 2.15 2.09 2.9
10 1.082 18.8 0.77 0.68 0.57 19.3
20 1.10 28.8 0.75 1.35 1.24 8.9
30 1.102 38.8 0.69 1.87 1.78 5.1
40 1.11 48.8 0.59 2.15 1.73 24.3
50 1.09 58.8 0.48 2.15 2.06 4.4

36 23021 0.105 3.5 0.40 10 1.032 24.25 0.082 0.761 0.64 0.65 -1.5

I 1 I j I
20 1.075 34.25

1
0.724 1.28 1.17 9.4

30 1.085 44.25 0.639 1.71 1.53 11.8
40 1.095 54.25 0.53 1.90 1.53 24.2
50 1.095 64.25 0,435 1.95 1.73 12.7

37 23:>30 0.105 3.5 0.40 10 1.04 29.57 0.082 0.745 0.64 0.52 23.0

1 I 1 1 !
20 1.08 39.57

1
0.684 1.21 1.07 13.1

30 1.10 49.57 0.583 1.58 1.35 17.0
40 1.15 59.57 0.475 1.79 1,40 27.9
50 1.16 69.57 0.402 1.91 1.66 15.1

Average Error = Elel '" 8.3%.
n
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TABLE 6.1.1.1-0
DOUBLE-SLOTTED TRAILING-EDGE FLAP EFFECTIVENESS

DATA SUMMARY AND SUBSTANTIATION

,
e

Airfoil ¢TEUP~ER c' c, c2 'f, "2 Percent

Ref. section M (deg c c c (degl (deg) ~cQcalc .1Cl(test Error

73 Wedge 0.25 7.2 1.085 0.04 0.25 20 30 2.04 1.96 4.'

64 64·208 0.18 6.' 1.127 0.056 0.25 25 25 2.33 2.17 7.4

4' 65-210 - 7.6 1.139 0.075 0.25 '5 25 2.14 '.99 7.5

I I j
1.146

1 I
20

I
2.29 2.14 7.0

1.143 25 2,40 2.26 6.2

1.148 30 2.51 2.30 9.'

1.133 35 2.57 2.23 15.2

64 1410 0.'8 8.0 1.141 0.075 0.25 25 25 2.36 2.49 -5.2

63-210 6.4 1.133 0.075 0.25 I 2.44 2.51 -28

65-210 7.6 1.143 0_075 0.25 2.36 2.23 5.8

66-21.0 8.9 1.144 0.075 0.25 30 2.36 2.36 0

64-208 6.' 1.148 0.075 0.25 30 '5 2.62 2.364 10.8

64 , '212 7.4 1.152 0.075 0.25 I 20 2.51 2.52 -0.4

64·210 6.8 1.139 0.075 0.25 25 2.53 2.61 -3.1

69 64AOtO 0.06 5.9 1.133 0.075 0.25 30 22.7 2.54 2.34 8.6

I I 0.20 5.9 I l I I I 2.54 2.26 12.4

65 64, A212 - 9.8 1.106 0.083 0.229 26 29 2.24 2.55 -12.0

71 6512'6}·2'5 0.12 8.0 1.114 0.096 0.248 '0 '5 1.59 1.61 -'.2
a = 0.8

1.118 20 1.76 '.85 -4.9

1.121 25 1.92 1.98 -3.0

1.125 30 2.00 2.165 -7.6

1.133 40 2.01 2_37 -15.2

1.137 45 2.04 2.50 -18.4

1.151 60 2.29 2.55 -10.2

72
{ R-4.4t

3
'8"

- '6.5 1.137 0.092 0.238 5 35 1.52 1.74 -12.6

I 1 I
1_155

1 I
20 20 1.96 1.68 16.7

R-4,40413-6 1.216 25 35 2.33 2.50 -6.8

I 1.180 ~ 40 2.32 2.63 -11.8

64 66-210 0.'8 8.9 1.172 0.'0 0.25 25 35 2.54 2.28 11.4

66 653"8 0.'05 9.0 1.175 0.10 0.245 23 42 2.51 2.83 -11.3

67 653-4'8 - '3.2 1.163 0.106 0.236 2' 44 2.37 2.62 -9.6

62 23012 0.'05 8.8 1.221 0.1165 0.2566 25 35 2.69 2.53 6.5

68 654-421 - 14.1 1.166 0.109 0.235 20 3' 2.17 2.23 -2.7

63 23021 0.105 14.3 1.229 0.147 0.2566 30 40 3.07 2.78 10.5

1:lel
Average Error = -= 8.2%.

n
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TA8LE 6.1.1.1-E
SPLIT TRAILlNG·EDGE FLAP EFFECTIVENESS

DATA SUMMARY AND SUBSTANTIATION

e
Airfoil 6c, 6c, Percent

Ref Section M Rl2x 10--6 cf/c " Calc Test Error

75 23012 0.105 3.5 0.10 15 0.38 0.37 2.7

j
30 0.62 0.64 -3.1
45 0.835 0.82 1.8
60 0.985 0.94 4.8
75 1.05 1.02 2.9

23021 15 0.35 0.32 9.4

I 30 0.57 0.63 ~9.5

J
45 0.765 0.88 -13.1
60 0.90 1.05 -14.3
75 0.96 1.15 -16.5

69 64A01Q 0.06 2 0.20 66 1.31 1.35 -3.0

J J
0.12 4

I
1.43 1.36 5.1

0.17 6 1.43 1.36 5.1
0.20 7 1.43 1.36 5.1

26 23012 - 8 5 0.23 0.17 37.5

j I I
10 0.39 0.32 21.9
15 0.51 0.45 13.3
20 0.615 0.58 6.0
30 0.83 0.84 -1.2
45 1.12 1.09 2.8

46 0.105 3.5 60 1.34 1.34 0
j

, , 75 1.51 1.41 7.1
74 66.1-212 -0.15 6 40 0.99 1.09 -9.2

I
50 1.16 1.25 -7.2
60 1.29 1.37 -5.8
70 1.41 1.42 -0.7

651-212 40 1.05 1.06 -0.9

I
50 1.23 1.205 2.1
60 1.37 1.36 0.7
70 1.50 1.36 10.3

6612151·216 40 1.11 1.17 -5.1

I 50 1.29 1.37 -5.8
60 1.44 1.44 0
70 1.58 1.54 2.6

45 23021 0.085 3.56 15 0.47 0.51 -7.8

I I I I
30 0.76 0.95 -20.0
45 1.03 1.27 -18.9
60 1.23 1.52 -19.1
75 1.38 1.65 -16.4

75 23012 0.105 3.5 0.30 15 0.665 0.63 5.6

I
30 1.05 1.06 -0.9
45 1.41 1.37 2.9
60 1.72 1.55 11.0
75 1.99 1.64 21.3

23021 15 0.61 0.67 -9.0

I
30 0.96 1.20 -20.0
45 1.29 1.59 -18.9
60 1.57 1.84 -14.7
75 1.82 1.96 -7.1

23012 0.40 15 0.77 0.70 10.0

I
30 1.21 1.22 -0.8
45 1.59 1.55 2.6
60 1.93 1.71 12.9

23021 15 0.70 0.80 -12.5

I
30 1.11 1.42 -21.8
45 1.46 1.86 -21.5
60 1.76 2.12 -17.0

I:lel
Average Error =- = 9.3%

"
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PLAIN TRAILING-EDGE FLAPS
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FIGURE 6.1.1.1-39a THEORETICAL LIFT EFFECTIVENESS OF PLAIN TRAILING-EDGE FLAPS
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PLAIN TRAILING-EDGE FLAPS
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SINGLE-SLOTTED FLAPS
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FIGURE 6.1.1.1-41 SECTION LIFT-EFFECTIVENESS PARAMETER OF SINGLE-SLOTTED FLAPS
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Note: The cr/c values needed for using this figure are defined under "Datcom Methods," based
on the geometric parameters shown in Figures 6.1.1.1-44 through -46.
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c wing chord (flap in neu traJ position).

c1 flap chord.

-I
---=

c' extended wing chord due to flap extension. In measuring c', the flap trailing edge is
rotated from its deflected position about the intersection of the flap chord and the chord
of the airfoil section, until the two chords coincide.

Or flap deflection.

FIGURE 6.1.1. J-44 SINGLE-SLOTTED FLAP GEOMETRIC PARAMETERS
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c

'------ c~ ----------0-1

c wing chord (flap in neutral position).

c; extended wing chord due to forward-flap extension. In measuring c.' first rotate the
forward flap from its deflected position about the point of intersection of the
forward-flap chord and the chord of the airfoil section, until the two chords coincide.

c· extended wing chord due to the double-slotted flaps. In measuring c', the aft flap is first
rotated from its deflected position about the point of intersection of the aft-flap chord
and the chord of the forward flap, until the two chords coincide. Then both flaps are
rotated from the deflection of the forward flap about the point of intersection of the
forward-flap chord with the wing chord, until these two coincide.

Sf I flap deflection of the forward flap.

Sf2 flap deflection of the aft flap.

c1 forward-Hap chord.

c2 aft-flap chord.

FIGURE 6.1.1.1-45 DOUBLE-SLOTfED FLAP GEOMETRIC PARAMETERS
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c wing chord (flap in neutral position).

0: extended wing chord due to complete forward-flap extension. In measuring c;. first
rotate the complete forward flap (usually includes aft flap) about the point of
intersection of the forward-flap chord and the chord of the airfoil section, until the two
chords coincide.

c' extended wing chord due to the deflection of the double-slotted flaps. In measuring c'.
the aft flap is first rotated from its deflected position about the point of intersection of
the aft-flap chord and the chord of the forward flap, until the two chords coincide. Then
both flaps are rotated from the deflection position-of the forward flap about the point of
intersection of the forward-flap chord with the wing chord, until these two coincide.

c1 forward-flap chord (actual).

c1 ' forward-flap chord (complete airfoil).

c2 aft-flap chord.

~fl flap deflection of the forward flap.

~f2 flap deflection of the aft flap.

FIGURE 6.1.1.1-46 DOUBLE-SLOTTED FLAP GEOMETRIC PARAMETERS
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SPLIT FLAPS
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TRAILING·EDGE
CAMBER LINE

C=c'----I
PURE JET FLAP

PLAIN FLAP-JET-FLAP COMBINATION

I~

__ -E==~====~~===::=::===~;;;;:-..~TRA~VI~LING.EDGECAMBER LINE- !
8·J

C' ---------_

C

-

SLOTTED FLAP-JET-FLAP COMBINATION

,
TRAILING·EDGE
CAMBER LINE

is the initial trailing-edge jet momentum angle in radians, measured with respect to the
trailing-edge camber line of the airfoil.

is the flap deflection in radians, mea~ured with respect to the airfoil chord.

FIGURE 6.1.1.1-48 JET-FLAP GEOMETRIC PARAMETERS
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FIGURE 6.1.1.1-50 THEORETICAL LIFTING EFFECTIVENESS OF LEADING-EDGE
DEVICES
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NOSE FLAP

c' is the extended wing chord due to the deflection of the leading-edge device. In measuring
c' the leading-edge device is rotated to the wing-chord line from its deflected position,
about the point of intersection of the leading-edge-flap chord and the wing chord.

FIGURE 6.1.1.1-51 GEOMETRY OF LEADING-EDGE DEVICES
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6.1.1.2 SECTION LIFT·CURVE SLOPE WITH HIGH·LIFT AND CONTROL DEVICES

Trailing-Edge Flaps

Thin-airfoil theory shows that the lift-curve slope of a cambered section is the same as that of the
corresponding uncambered airfoil. Experimental data verify this theoretical prediction for the
angle-of-attack and flap-deflection ranges for which the flow is attached "ver both the wing and flap
surfaces.

Flow separation on the wing or flap causes the lift-curve slope to be lower than the theoretical
value. Sketch (a) shows a typical set of lift curves for trailing-edgc flaps at various deflections. The
approximate points at which the curves become appreciably nonlinear for a given flap deflection are
shown by the arrows.

SKETCH (a) TYPICAL LIFT CURVES FOR TRAILING-EDGE FLAPS

The sketch is typical of all types of trailing-edge flaps except split flaps, which have somewhat
different lift characteristics. When a split flap is deflected, a reduced pressure exists in the
wedge-shaped region between the flap and the wing. This reduced pressure creates a favorable
pressure gradient near the wing trailing edge, which causes the boundary layer at the upper-surface
trailing edge to be thinner for the flap-deflected condition than for the undeflected condi tion.
Consequently, the lift-curve slope for small split-flap deflections is greater than that of the
un flapped airfoil. This effect is particularly pronounced on thick airfoils.

For flaps that translate as they deflect, the lift-curve slope is increased because of the increased
effective area of the flapped section. Fowler flaps are the most commonly used flaps of this type.

Reference I contains a comprehensive summary of two-dimensional trailing-edge control-surface
data, including data for the nonlinear angle-of-attack and flap-deflection ranges.

Jet Flaps

The lift-curve slope for a jet-flap airfoil is dependent upon the jet momentum trailing-edge
coefficient C.. The method presented herein is Spence's adaptation of thin-airfoil theory as
presented in References 2 and 3. In summary, Spence. applies thin-airfoil theory to invissid,
incompressible flow past a thin, two-dimensional wing at a small incidence, with a jet of zero
thickness and finite momentum emerging at a small angle of incidence from the trailing edge. The
flow inside the jet is assumed to be irrotational and is bounded by vortex sheets that prevent mixing
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with the mainstream. For flaps that extend as well as rotate, a correction is applied to account for
the increased plan form area. hlf more details regarding the fundamental concepts of jet flaps, the
reader is referred to the discussion presented in Section 6.1.1.1.

Leading-Edge Flaps

The lift-curve slope of an airfoil with a leading-edge flap is very nearly the same as that of the
unflapped airfoil. For slats that extend forward as well as rotate, a correction must be made for the
increased planforrn area. Typical lift curves are shown in Sketch (b).

c,
LEADING-EDGE SLATS

LEADING-EDGE FLAPS

BASIC WING

'"
SKETCH (b) TYPICAL LIFT CURVES FOR LEADING-EDGE FLAPS AND SLATS

Spoilers

The lift curves of airfoils with spoilers extended are extremely nonlinear, particularly at subsonic
speeds. Sketch (c) shows a typical set of lift curves for an airfoil with and without plug and slotted
spoilers. Leading-edge flaps in conjunction with plug spoilers tend to linearize the lift curve at high
angles of attack. This effect is similar to that achieved by adding a slot and deflector behind a plug
spoiler.

,.
"/~ SLOTTED SPOILER

WITH OR WITHOUT LEADING-EDGE FLAP
PLUG SPOILER

BASIC WING

SKETCH (c) EFFECT OF SLOT AND LEADING-EDGE FLAP ON SPOILER LIFT CURVES

The Datcom methods presented below for trailing-edge flaps, jet flaps, leading-edge flaps and slats,
and spoilers are limited to subsonic flow.
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DATCOM METHODS

The approximate flap deflections at which flow separation and appreciable lift-curve-slope losses
occur with increasing flap deflection are shown in Table 6.1.1.2-A for various types of flaps. Values
for both good and poor designs are shown. Flap design is very critical to airfoil section and flap
geometry. The effects of these variables on maximum lift are discussed in detail in Section 6.1.1.3.

I. Fixed-Hinge Trailing- and Leading-Edge Flaps

For these flaps the lift-curve slope is assumed to be the same as that of the unflapped section for
unseparated flow conditions.

2. Translating Trailing-Edge Flaps and Leading-Edge Devices (Slats and Krueger Flaps)

For devices whose hinge line translates with deflection, the lift-eurve slope is given by

(c) =~(c)
flo {) C 20 {) =0

where

6. I. 1.2-a

c

c'

3. Jet Flaps

is the lift-curve slope of the un flapped airfoil, including compressibility effects, from
Section 4. I. I.2

is the lift-curve slope at leading- or trailing-edge deflection Ii.

is the chord of the unflapped airfoil.

is the effective chord of the flapped airfoil at any flap deflection. In measur
ing c' of a single-slotted trailing-edge flap or a leading-edge device, the flap or
leadin~edge device is rotated from its deflected position about the point of
intersection of the flap or leading-edge-device chord with the wing chord, until the

two coincide. In measuring c' of a double-slotted flap, the reader is referred to
Figures 6.1.1.1-45 and 6.1.1.1-46.

The method presented here applies to the same configurations as indicated for the jet-flap method

of Section 6.1.1.1; Le., the pure jet flap and the internally-blown-flap (IBF) and externally-blown
flap (EBF) concepts with plain trailing-edge flaps. For an IBF or EBF concept with a single-slotted
or multislotted flap configuration, this method should be used only as a first approximation.

No substantiation of the method is presented; however, the method has been acknowledged as being
substantiated in the literature (References 4 and 5).

It should be noted that the term [I + kt(t/c')] is used as a correction for airfoil thickness effects
and applies to the pressure lift contribution calculated by thin-airfoil theory. This correction can be
justified only if there is no trailing-edge separation.
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For jet-nap configurations the total section lift-curve slope, based on the retracted airfoil chord, is
given by

c,
o

where

6. I. l.2-b

k
t

is the airfoil-theory thickness factor; i.e.,

k
t

= 1.0 for elliptic airfoils

= 0.637 for parabolic airfoils

For airfoil sections other than elliptic or parabolic. a value of 0.80 for k t is suggested
(Reference 2).

c'

c',
o

C'
"

c'

c

is the airfoil thickness ratio, based on the ex tended wing chord

is the jet-nap lift-curve slope uncorrected for thickness effects obtained fTOm Figure
6.1. I. 1-49, based on the extended wing chord, as a function of C~.

is the section nondimensional trailing-edge jet momentum coefficient, based on the
extended wing chord (defined in Sketch (a) of Section 6.1.1.1).

is the ratio of the extended wing chord to .airfoil chord, where c' is obtained as described
in Section 6. I. 1.1 for the appropriate nap geometry.

4. Spoilers

For the purposes of the Datcom the lift-curve slope of an airfoil with a spoiler, for the conditions
0< > 0 and c, < 0, is assumed to be the Same as that of the basic airfoil.

Sample Problems

I . Translating Trailing-Edge Flap

Given: The napped airfoil ofReference 7.

NACA 23012 airfoil Single-slotted nap 6f = 300 c'lc = 1.154

M = 0.105; (3 = 0.995

tan 1/2 4>~ = 0.132 (streamwise airfoil geometry)
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Compute:

(c) = 0.102 per deg (Section 4.1.1.2)
'. 6=0

Solution:

(Equation 6.1.1.2-a)

= (l.l 54)(0.102)

= 0.1 18 perdeg

This compares with a test value of 0.120 per degree from Reference 7.

2. Jet Flap

Given: The pure jet-flap configuration of Reference 6.

t
Elliptic airfoil - = 0.125 C. = 4.0

c

cf c·
- = 0 ~f = 0 ~j = 31.40 = 1.0
c c

Compute:

k, = 1.0 (elliptic airfoil)

c; = 13.63 per rad
•

(Figure 6.1.1.1-49)

(Equation 6. I. l.2-b)

= {I I + (1.0)(0.125») (13.63 - 4.0) + 4.0} 1.0

= 14.83 per rad (based on c)

This compares with a test value of 16.1 from Reference 6.

6.1.1.2-5



REFERENCES

1. Sears, A.I.: Wind·Tunnel Data on the Aerodynamic Characteristics of Airplane Control Surfaces. NACA WA L-663, 1943. (V)

2. Ramsey. J.e.. and Laudeman. E.C.: STOL Tactical Aircraft Investigation State-of-the-Art Design Compendium. Prepared

under USAF Contract F33615·71·C·1754. 1971. (U)

3. Hayashi, T.T.: The Two Dimensional Jet Flap Theory. Douglas Aircraft Company. MOC Jl089. to be published. IV)

4. Lopez, M,L.. and Shen, e.c.: Recent Developments in Jet Flap Theory and Its Application to STOL Aerodynamic Analysis.

AIAA Paper 71-518, 1971. IV)

5. Spence, D.A.: Lift Coefficient of a Thin Jet·Flapped Wing. Proc. Roy. Soc., Vol. A238. 1956. (V)

6. Dimmock, N.A.: Some Early Jet Flap Experiments. Aero.Quart. Vol. 8.1957. (V)

7. Harris, T.A .• and Purser, P.E.: Wind·Tunnellnvestigations of an NACA 23012 Airfoil with Two Sizes of Balanced Split Flap.

NACA WR L-441, 1940. IU)

TABLE 6. 1. I.2-A

APPROXIMATE RANGE OF FLAP DEFLECTION FOR LINEAR-LIFT CHARACTERISTICS
AT ZERO ANGLE OF ATTACK

Flap TVpe Of (dog)

Poor Design Good Des;gn

Plain Oto 10 Oto 20

Single Slotted and Fowler a to 20 o to 30

Double Slotted o to 30 Oto 60

Split Oto30or45
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6.1.1.3 SECTION MAXIMUM LIFT WITH HIGH·LIFT AND CONTROL DEVICES

The maximum-lift increments obtainable by the use of leading- and trailing-edge flaps are strongly
influenced by the flow characteristics of unflapped sections near the stall. The lift of unflapped
sections near and at (he stall is discussed in detail in Sections 4.1.1.3 and 4.1.1.4.

A discussion of the aerodynamic aspects of airfoil flaps is given in Reference I, some of the more
salient points of which are summarized in the following paragraphs.

Trailing-edge flaps increase the maximum lift of a section by means of the camber effect.
Theoretically, the incremental load distribution due to flap deflection reaches a peak in the region
of the tlap hinge line, has a smaller peak at the leading edge, and falls to zero at the trailing edge.
Thus the pressure gradient of the upper surface forward of the flap is relieved, although the gradient
over the flap itself is greatly increased. The flow over the flap therefore separates at moderate
angles, i.e., 100 to ISo for plain flaps. However, the separation is contained behind the tlap hinge
line and does not progress forward over the wing until the flap deflections become large. Lift
continues to increase with flap deflection after separation takes place over the flap, but the rate of
increase is considerably less than that for the small tlap-detlection range where the flow is
completely attached. Maximum lift is obtained just before the separation progresses forward of the
flap or the flow separates from the leading edge.

Leading-edge flaps increase the maximum lift of airfoils by lowering the high peak suction pressures
near the nose and thereby delaying leading-edge separation. Nose-tlap deflection has only a
second-order effect on the flow near the trailing edge. Maximum lift for a given flap deflection is
achieved when the angle of attack is increased to the point where the pressure distribution around
the nose approximates the pressure distribution of the unflapped section just before the stall.
Leading-edge stall ensues as in the case of the unflapped section. This problem is treated
theoretically in Reference 2.

Thin airfoils stall as a result of leading-edge separation,and thick airfoils as a result of trailing-edge
separation (see Section 4.1.1.3). Since trailing-edge flaps primarily affect trailing-edge separation
without significantly altering the nose pressures, they are most effective on thick wings.
Leading-edge flaps, on the other hand, delay leading-edge separation without significantly altering
the trailing-edge flow and are therefore most effective on thin wings.

The stall angle of attack of an airfoil having a leading-edge flap is quite different from that of an
airfoil having a trailing-edge flap. Leading-edge flaps produce increases in lift by enabling the airfoil
to reach higher angles of attack. Therefore, the angle of attack at stall is considerably higher for an
airfoil having a leading-edge flap than that for the unl1apped airfoil. Trailing-edge flaps, on the other
hand, produce increases in maximum lift by means of the camber effect and actually stall at an
angle of attack below that of the unl1apped airfoil. These trends are illustrated in the accompanying
sketch. A consideration of these stalling angles is often a critical item in practice.
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TRAILING-EDGE FLAPS

,....

""-- LEADING-EDGE FLAPS

BASIC WING

()(

SKETCH (a) TYPICAL LIFT CURVES FOR LEADING-EDGE AND TRAILING-EDGE FLAPS

Specific comments concerning high-lift trailing-edge devices in common use are given in the
following paragraphs. The accompanying sketch illustrates the various types of flaps. Not all of
those shown are explicitly discussed.

c ~
PLAIN FLAP

c==:::=::;?-
SPLIT FLAP""",

C 7~

SINGLE-SLOTTED FLAP

C ./
FOWLER FLAP

SKETCH (b) TYPICAL TRAILING-EDGE FLAPS

Plain Flaps

The preceding discussion of trailing-edge flaps is applicable to plain flaps and no further comments
are required.

Split Flaps

When a split flap is" deflected, a region of reduced pressure exists between the upper surface of the
flap and the lower surface of the airfoil. This reduced pressure creates a favorable pressure gradient
over the top rear surface of the airfoil. Trailing-edge separation is thus suppressed, and final stall
often occurs at the airfoil nose.
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Slotted Flaps

The crucial factor in the design of a slotted flap is the slot. The slot sheds the boundary layer at the
slot lip and allows a new boundary layer to develop over the flap. The slot also directs air in a
direction tangential to the surface of the flap. Flow attachment can therefore be maintained to
relatively large flap deflections. For instance, efficiently designed double-slotted flaps can prevent
flow separation at deflections as high as 60°

The design of slots for slotted flaps is very critical. Several rules of thumb have been developed for
efficiently designing these flaps. First, the flap (and vane) and airfoil must overlap for all deflections
when viewed in planform. Secondly, the jet issuing from the slot should also be directed in a
direction tangential to the flap surface. Long shroud lengths often show advantages, since they have
better control over the direction of the jet.

The flaps (and vanes) of a slotted flap carry considerably more lift than the corresponding plain flap
with the same chord and deflection angle. These surfaces are, in reality, in tandem with the wing
and derive beneficial induced-camber effects associated with tandem configurations.

Fowler Flaps

Aerodynamically, ·Fowler flaps function in the same way as single-slotted flaps. Additional lift
benefits are obtained, however, from the increased chord due to translation of these flaps.

Jet Flaps

The recent developments in high-lift technology have led to the widespread consideration of the
jet-flap scheme (see Section 6.1.1.1 for a sketch of the various types and a discussion of the salient
aspects). Comments regarding the maximum lift increment due to power effects of a jet-flap scheme
are given in the following paragraphs.

The increment in lift due to power effects of a jet-flap configuration is strongly dependent upon the
trailing-edge jet momentum coefficient C.. Since the jet-flap theory as developed by Spence
assumes inviscid flow, it cannot be utilized to predict the achievable maximum lift coefficient. An
expression has been developed in Reference 3 for the increment in maximum lift of a
two-dimensional jet-flapped airfoil with supercirculation. The analysis is limited to airfoils that
exhibit a leading-edge stall. Under these circumstances it is suggested that the pressure distribution
around the leading edge would be similar for the flapped- and plain-wing sections at stall.

Reference 4 summarizes an attempt to correlate test data with the method presented in
Reference 3. The predicted values of dCom ax due to power underestimated the experimental data
by a considerable margin. These results tend to indicate that an airfoil with blowing does not stall at
the same leading-edge pressure coefficient as the airfoil without blowing, but at considerably lower
pressure coefficients. The test data used for the attempted C9rrelation indicated a wide scatter band
as a function of C•. This scatter prevents the application of an empirical modification to the
method. -Consequently, no method is presented herein. Further investigations are required and more
test data needed to yield a more accurate and reliable method.
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DATCOM METHODS

The following Dateom methods for trailing-edge and leading-edge flaps are limited to subsonic flow.

I. Trailing-Edge Flaps

An empirical method from Reference 2 for predicting maximum lift increments for plain, split, and
slotted flaps is presented in Figures 6.1.1.3-12a through 6. 1. 1.3-13b. The maximum lift increment is
given by

where

6. 1. 1.3-a

ltJ.c, )
\" max base

is the section maximum lift increment for 25-percent chord flaps at the
reference f1ap-deflection angle from Figure 6.1.1.3-12a. (Reference f1ap
deflection angles are denoted in Figure 6.1.1.3-13a.)

is a factor accounting for f1ap-chord-to-airfoil-chord ratios other than 0.25
from Figure 6.1.1.3-12b.

is a factor accounting for flap deflections other than the reference values from
Figure 6.1.1.3-13a.

is a factor accounting for flap motion as a function of flap deflection from
Figure 6.1.1.3-13b.

A comparison of experimental data with results based on these charts is shown in Table 6.1.1.3-A.

2. Leading-Edge Flaps

A method is developed in Reference 5 for predicting the maximum lift increment for leading-edge
flaps, slats, and Krueger flaps. The method is based on an extension of thin-airfoil theory, using
empirical factors that were developed using available test data.

The available Krueger-flap test data were found to be dependent largely upon the trailing-edge flap
deflection. Consequently, the method for Krueger flaps from Reference 5 is not presented, since it
does not account for the trailing-edge flap deflections.

The method presented herein gives reasonable results when applied to leading-edge flap deflections
less than 300 , as indicated by the comparison of test data with predicted results, shown in
Table 6.1.1.3-8.

For leading-edge slats it is not advisable to use the method herein for deflections greater than 200 .

The method tends to overpredict the maximum lift increment for larger deflections, as shown in
Table 6.1.1.3-8.
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The maximum lift increment for leading-edge flaps and slats is given by

where

flc,
max

c'
= CR6max l1 max 1]05 ~f C 6.1. J.3-b

'lmax

c'

c

is the theoretical maximum lifting effectiveness obtained from
Figure 6.1.1.3-14 as a function of the leading-edge flap-chord ratio cr/c.

is the empirical factor accounting for the maximum lifting efficiency obtained
from Figure 6.1.1.3-15 as a function of the ratio of the leading-edge radius to
the thickness ratio of the airfoil.

The reason for the discontinuity in the slat curve presented in Figure 6.1.1.3-15
is that older NACA test data are used to establish the left-hand portion of the
curve, while more recent test data (as indicated in Reference 5) are used for the
right-hand portion. An attempt was made to resolve this discontinuity;
however, no modifications were made because of the lack of test data in the
region of the discontinuity.

is the empirical factor accounting for changes in flap deflection from the
optimum deflection obtained from Figure 6.1.1.3-16 as a function of
deflection angle.

is the leading-edge deflection angle in radians (see Figure 6. I. 1.1-5 \).

is the ratio of the extended wing chord due to leading-edge flap extension to
the retracted wing chord (see Figure 6.1.1.1-51).

Sample Problems

I. Trailing-Edge Flap

Given: The flapped airfoil of Reference 6.

NACA 65-210 airfoil Double-slotted flap

Compute:

crlc = 0.312 R, = 6.0 x 106

(Figure 6.1. 1.3-12a)

(Figure 6.1.1.3-12b, extrapolated)
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k2 = 0950 (Figure 6. I. 1.3-13a)

Actual Flap Angle 40
= - = 0.80

Reference Flap Angle 50

k = 0.870
3

Solution:

(Figure 6. 1.1.3-13b)

(Equation 6.1:1 .3-a)

= (1.250)(0.950)(0.870)( 1.165)

::: 1.20

This compares with a test value of 1.33 from Reference 6.

2. Leading-Edge Flap

Given: The flapped airfoil of Reference 7.

NACA 64AO I 0 airfoil' Leading-edge radius = 0.687% c

t
- = 0.10
c

Compute:

Nose flap -= 0.15
c

c'
- - 1.0
c

c, = 1.44 per rad
'max

(Figure 6.1.1.3-14)

= 0.99'lmax

Solution:

(Figure 6.1.1.3-15)

(Figure 6.1.1.3-16)

c'
<lc, = c, l'/maxl'/'~f-

max 0max C
(Equation 6.J.1.3-b)

= (1.44)(0.99)(0.82) 30 (1.0)
57.3

= 0.612

This compares with a test value of 0.56 from Reference 7.
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TABLE 6.1.1.3-A

LOW-SPEED SECTION MAXIMUM-LIFT INCREMENTS FOR TRAILING-EDGE FLAP DEFLECTION
DATA SUMMARY AND SUBSTANTIATION

AC2max bC2max
e

R2 x 10-6
6, C2max -Percent

Ref. Airfoil Flap Type cftc (degl I', = 01 Calc Test Error

9 NACAOOO9 Plain 2.58 .25 10 .885 .27 .23 17.4

10 Double Wedge 5.8 .25 60 .84 .97 .89 90
tIc = 4.23%

11 NACA 0006 4.5 .30 50 .94 .91 .76 19.7

12 6-percent- 6.0 .20 60 .73 .84 .91 -7.7
thick circular arc

12 10-percent- 6.0 .20 60 .67 .75 .98 -23.5
thick circular arc

13 NACAOOO9 2.76 .20 30 1.15 .56 .43 --30.2

13 NACAOO09 2.39 .30 30 .975 .64 .57 12.3

13 NACAOO09 2.39 .40 30 1.0 .66 .53 24.5

6 NACA 65-210 Split 6.0 .20 60 1.29 .75 .78 -·3.B

14 NACA 0012 8.0 .20 60 1.66 .84 .69 21.7

15 NACA 1410 6.0 .20 60 1.51 .74 .82 -9.8

16 NACA 23012 3.5 .20 60 1.55 .84 .98 -14.3

17 NACA 23012 3.5 .10 60 1.55 .59 .75 -21.3

17 NACA 23021 3.5 .40 60 1.36 1.73 1.54 12.3

18 NACA 66,2·116 Single 6.0 .2505 45 1.45 1.67 1.29 29.5
8 =.6 Slotted

6 NACA 65·210 2.4 .25 30 1.22 .79 .90 -12.2

6 NACA 65-210 2.4 .25 30 1.22 .79 .84 -6.0

19 NACA 23012 3.5 .30 40 1.55 1.24 1.36 -8.8

20 NACA 66,2·216 5.1 .25 45 1.46 1.67 1.42 17.6
a =.6

21 NACA 23012 3.5 .2566 30 1.52 .88 1.03 -14.6

22 NACA 23012 3.5 .40 40 1.53 1.27 1.30 -2.3

6 NACA 65-210 Double 2.4 .312 40 1.22 1.20 1.30 -7.7

6 NACA 65-210 Slotted
6 .312 40 1.29 1.20 1.33 -9.8

6 NACA 65·210 9 .312 50 1.4 1.47 1.20 22.5

23 Between 3.5 .238 40 1.39 1.37 1.35 1.5
R-4.4O·318-1

and R-4.40·313-6

23 Between 14 .238 40 1.55 1.37 1.31 4.6
R-4.40-3'8·'

and R-4.40-313-6

24 NACA 65,3-118 6 .309 45 1.61 1.98 1.59 24.5
8 IE 1.0

25 NACA 23021 3.5 .32 50 1.35 2.30 1.86 23.7

26 NACA 23012 3.5 .30 50 1.55 1.65 1.63 1.2

27 NACA 23012 3.5 .40 40 1.55 1.82 1.91 -4.7

15 NACA 63-210 6 .25 50 1.52 1.17 1.38 -15.2

6 NACA 65-210 Fowler 2.4 .25 35 1.22 1.03 .99 4.0

6 NACA65·210

I
9 .25 35 1.4 1.03 1.04 -1.0

16 NACA 23012 3.5 .2667 40 1.55 1.47 1.09 34.9
19 NACA 23012 3.5 .30 40 1.55 1.65 1.75 -5.7

28 NACA 23012 2.9 .40 30 1.16 1.71 1.70 0.6

28 Clark Y -2 .20 30 1.35 .84 1.16 -27.6

-based on flapped airfoil
"leI

Average Error '" -- 13.7%
n
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TABLE 6.1.1.3-8

LOW·SPEED SECTION MAXIMUM·LlFT INCREMENTS FOR LEADING·EDGE FLAP AND SLAT DEFLECTION
DATA SUMMARY AND SUBSTANTIATION

6, ACQmax .4Cllmax "("C' - "'CO )maxcalc maXtest
Ref. Airfoil Type tic Of/c Idogl Calc Test

7 64A010 Flap 0.10 0.15 15 0.373 0.39 4l.017

I I I ! 30 0.612 0.56 0.052

45 0.280 0.46 4l.180

29 Double Wedge 0.0423 0.12 5 0.068 0.145 -0.077

0.16 I 0.076 0.145 4l.069

0.20 0.005 0.155 4l.070

0.12 10 0.136 0.14 4l.OM

0.16

I
0.155 0.17 4l.015

0.20 0.170 0.20 4l.03O

0.25 0.182 0.225 4l.043

0.12 15 0.204 0.185 0.019

0.16 I 0.232 0.26 4l.028

0.20 0.254 0.28 4l.026

0.12 20 0.272 0.255 0.017

0.16

I
0.310 0.335 4l.025

0.20 0.339 0.345 4l.C06

0.25 0.364 0.445 4l.OS1

0.12 25 0.320 0.37 4l.ose

0.16

1
0.364 0.445 4l.OS1

0.20 0.399 0.41 4l.011

0.25 0.428 0.515 -0.087

0.12 30 0.335 0.41 -0.075

0.16

1
0.381 0.485 4l.104

0.20 0.417 0.465 4l.048

0.25 0.448 0.515 4l.067

0.12 35 0.314 0.43 -0,116

0.16

I
0.358 0.195 0.163

0.20 0.392 0.18 0.212

0.25 0.421 0.515 -0.094

7 64A010 Slat 0.10 0.17 25.6 0.736 0.90 4l.164

30 64,,212 0.12 0,14 14.3 0.70 0.60 0.100

J 65Al09 0.09 I 24.3 0.61 0.69 4l.080

31 64A010 0.10 0.17 15 0.577 0.66 4l.OS3

32 Clark Y 0.117 0.13 11.5 0.456 0.76 4l.304

I I I I 14 0.556 0.79 4l.234
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TABLE 6.1.1.3·B (CONTO)

'f aCQmax .a.Qlmax 4(.6.cQ - aCQ )maxcalc maXtest
Ref. Airfoil Type 'I, cf/e (deg) Calc Te"

32 Clark Y Slat 0.117 0.13 l6.5 0.646 0.76 -0.114

14 0.542 0.705 -0.163

19 0.685 0.77 -0.085

21.5 0.720 0.55 0.170

19 0.691 0.683 0.008

24 0.734 0.722 0.012

26.5 0.729 0.715 0.014

33 EO 1040 0.10 0.20 5.1 0.204 0.340 -0.136

11.1 0.443 0.585 -0.142

16.4 0.641 0.600 0.041

20.7 0.946 Q.l90 0.756

0.30 16.2 0.780 0.785 -0.005

18.2 0.843 0.852 -0.009

20.3 0.880 0.910 -0.030

22.3 0.907 0.642 0.265

8.0 0.403 0.630 -0.227

11.1 0.559 0.730 -0.171

15.1 0.760 0.755 0.005

13.9 0.656 0.682 -0.026

15,9 0.742 0.<;85 0.057 I

19.0 0.850 0.698 0.152

34 Clark Y 0.117 0.13 32.5 0.602 0.223 0.379

25 0.723 0.344 0.379

16.5 0.641 0.507 0.134

7.5 0.302 0.436 -0.134

20.5 0.680 0.213 0.467

15 0.573 0.472 0.101

8.5 0.332 0.521 -0.189

9.5 0.351 0.289 0.062

5.5 0.209 0.483 -0.274

35 64, .2,2 0.12 0.14 14 0.286 0.15 0.136

Average .a.1.a.CR - dC2 I • 0.116
mexcalc maXtest
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TRAILING-EDGE FLAPS

~, , , , , I I I , , ------
CURVE FLAP TYPE AIRFOIL

A BEST 2-SLOT NACA /'
:-'

7 / I""
-{ AVERAGE 2-SLOT NACAB

FOWLER - ANY 7
~

'7

C ~ NACA 2-SLOT -NACA 6-SERIES7 7/ VNACA I-SLOT ANY /

D SPLIT & PLAIN ANY/ / '/ V

V / V 1/
A-

'B V V 1//'
V V V V C /-,

V -:::: V I ! D /-r-. V
"-

I'-.. L.---V

2.0

1.8

1.6

(~CQmax) base

1.4

1.2

1.0

.8
o 2 4 6 8 10 12 14 16 18 20

AIRFOIL THICKNESS (% wing chord)

FIGURE 6.1.1.3-12a MAXIMUM-LIFT INCREMENTS FOR 2S'fo-CHORD FLAPS
AT REFERENCE FLAP ANGLE

32288 12 16 20 24

FLAP-CHORD (% wing chord)

4

V
V L..-

V '"/
0'\ ./" 1/

\'~ V
~'J

,~;",-- V~t' /V~"y~
~"y ~o

~) L/~'J
s"l ~

" l-<o" I

1/ V ,,:S'Y

J /

~o
o

.2

1.2

.4

.6

.8

1.0

FIGURJ' 6.1.1.3-12b FLAP-CHORD CORRECTION FACTOR

6. I.1.3-12



TRAILING-EDGE FLAPS
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LEADING-EDGE FLAPS AND SLATS
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LEADING-EDGE FLAPS AND SLATS
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LEADING·EDGE FLAPS AND SLATS
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Revised J~nuarv 1974

6.1.2 SECTION PITCIDNG MOMENT WITH HIGH-LIFT AND CONTROL DEVICES

6.1.2.1 SECTION PITCHING-MOMENT INCREMENT ACm DUE TO HIGH-LIFT
AND CONTROL DEVICES

The use of high-lift and control devices alters the basic airfoil load distribution, thus affecting the
section pitching moment, as well as the lift.

Methods are presented in this section for estimating the pitching-moment characteristics for most
common high-lift devices in use today and for some of the blown flaps being considered for STOL
aircraft. These methods are valid only in the subsonic regime in the linear-lift region (preferably
near zero angle of attack). The effect of these devices on the variation of pitching moment with
angle of attack is presented in Section 6.1.2.2, except for the jet flap, which is presented in this
section. Considerations of clarity and simplicity of presentation dIctated this deviation from
standard Datcom practioe.

The assumption is made that the characteristics of a trailing-edge flap are independent of any
leading-edge device, and/or the characteristics of a leading-edge device are independent of any
mechanical trailing-edge flap. In reality this is not quite true, but the methods of this section are not
sufficiently refined to account for these interference effects. This assumption cannot be justified in
the case of the more powerful jet flap.

Trailing-Edge Mechanical Flaps

Sketch (a) shows a typical loading on an airfoil with a plain flap deflected and undeflected. The
incremental load due to the flap exhibits a peak over the airfoil leading edge and a peak over the
hinge line. The higher loading at the hinge predominates, giving a nose-down moment.

x
c

--------

PLAIN AIRFOIL

FLAPPED AIRFOIL

c -~

1.0

-1.0

SKETCH (a)

For conditions where the flow is attached, the oenter-of-pressure location of the additional load due
to flaps does not shift position with flap deflection. Therefore, the pitching moment is directly
proportional to the lift increment. As the flow breaks down, the center of pressure usually moves
forward by a small amount, causing a mild pitch-up. The Datcom method is fairly accurate, even for
high values of flap deflection.
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Sketch (b) illustrates typical flap pitching-moment curves plotted as a function of flap deflection
for a given ratio of flap chord to wing chord. The lift and pitching-moment variation with flap angle
are usually linear as long as the flow is attached. Plain flaps maintain attached flow and exhibit
linear characteristics at small angles of attack and flap deflections. Single-, double-, a~d
triple-slotted flaps assure attached flow for increasingly higher angles of incidenoe and flap
deflections and give linear characteristics over a much larger range. Split flaps have no significant
range of linear characteristics as a result of the wide wake caused by the split trailing edge.

6f

LEADING-EDGE FLAI'S

SPLIT FLAP

SKETCH (b)
DOUBLE-SLOTTED FLAP

Theoretically, the center-<lf-pressure location is a function of the ratio of the flap chord to airfoil
chord, showing a forward shift with increasing flap-chord ratios. Although test data for plain and
split flaps do not match the theoretical center-<lf-pressure location, they do show the same trend as
theory. Slotted flaps do not follow this trend. Data for slotted flaps were analyzed for extended
airfoil chords of 10 to 40 percent. Virtually all of the data indicated a center-<lf-pressure location
between 41 and 47 percent of the extended airfoil chord, showing no dependence upon the ratio of
flap chord to airfoil chord. Therefore, an average center-<lf-pressure location of 44 percent has been
assumed (see Figure 6.1.2.1-35a) for all slotted flaps, independent of the ratio of flap chord to
airfoil chord.

Leading-Edge Mechanical Devices

Leading-edge devices produce a nose-down pitching moment, similar to trailing-edge flaps, because
they delay the stall by lowering the hir;;h peak loading at the leading edge. The method presented is
for conventional leading-edge devices, based on thin-wing theory from Reference I. Efforts to
substantiate this method by using available test data have proved unsatisfactory. The test data
exhibit nonlinear characteristics which linear theory is intrinsically unable to handle. Therefore, this
method should be applied only to thin airfoils with smalileading-edge devices.

Jet Flaps

The pitching-moment increment for a jet-flap airfoil is dependent upon the jet momentum
trailing-edge coefficient C~ and the ratio of flap chord to the extended wing chord. The method
presented herein is Spence's adaptation of thin-airfoil theory as presented in Reference 2. In
summary, Spence applies thin-airfoil theory to inviscid, incompressible flow past a thin,
two-dimensional wing at small incidence, with a jet emerging at a small angle of incidence from the
trailing edge. The flow inside the jet is assumed to be irrotational. In addition, the jet is bounded by
vortex sheets that prevent mixing with the mainstream and maintains fmite momentum as its
thickness decreases to zero. For flaps that extend as well as rotate, a correction is applied to
account for the increased chord length.
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The definitions of aerodynamic center x and center of pressure x are well established fora.c. C.p.
conventional aircraft. However, for jet-Oap configurations the jet reaction is a new component that
must be accounted' for when considering the location of the aerodynamic center and center of
pressure. In order to maintain consistency, the Datcom defines the aerodynamic center for jet-Oap
configurations as that point about which the tolal pitching moment is invariant with the lolallift;
i.e .. dC

m
/dC

l
= a at a given Mach number and trailing-edge jet momentum coefficient. In essence,

the aerodynamic center is a function of the trailing-edge jet momentum coefficient C". For
conventional wing sections the aerodynamic center is located on the wing chord line. However, for
jet-Oap configurations it becomes necessary to define the measurement of x off the wing-chorda ,c.
line, as shown in Sketch (c), to simplify the calculation of the pitching moment about any reference
location.

a
V~----'>.,~.:;,o _

Xa.c.' xf • and xj are located on this line rather than

along the wing chord

\l71J\rC

l~
1)(

TRAILING-EDGE
CAMBER LINE

JET
EFFLUX

where

em 'f
= ---

x.
...L=
c

Croll f

Cmll j

is the Oap pitching-moment effectiveness measured about the leading edge.

is the rate of change of section lift effectiveness due to Oap deOection.

is the rate of change of pitching-moment coefficient measured about the leading
edge with respect to the jet deOection. (The parameters cm •. and c' •. are due to the
jet efflux not being emitted at the same angle as the tr1i1ing-edge camber line,
i.e., the Oap deOection.)

is the rate of change of section lift coefficient with respect to the jet deOection.

SKETCH (e) JET-FLAP AERODYNAMIC CENTER AND CENTER OF LIFT
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There are two additional parameters shown and defined in Sketch (c), xr and Xj' The center-<:>f
lift term xr is analogous to the conventional flap center-of-pressure location, except that it also
includes the reaction component of the jet. For this reason it is not the true "center-of-pressure
location"; i.e., it is the location where the total lift increment due to flap deflection is assumed to
act.

The term x· is analogous to a center-of-pressure location of the incremental load due to the jet
efflux actin~ at an angle to the trailing-edge camber line. However, it is not a true center-of-pressure
location for this incremental load, because of the inclusion of the reaction component; therefore, it
,s also referred to as the center of lift.

For more details regarding the fundamental concepts of jet flaps, the reader is referred to the
discussion presented in Section 6.1.1.1. (Sketch (b) of Section 6.1.1.1 illustrates some of the
blown-flap concepts now being investigated for STOL aircraft.)

Spoilers

Pitching-moment changes due to spoilers are generally smaller than those for flap-type control
surfaces. For this reason they are useful on thin, swept wings where wing twist due to control
deflection is a problem. Many wind-tunnel programs have therefore been conducted on swept wings,
but few have been conducted on airfoil sections. Reference 3, published in 1953, contains a
comprehensive bibliography of spoiler studies made up to that time.

Because of the scarcity of two-dimensional spoiler data, no gerteralized methods are presented in
this section for section pitching moment due to spoiler deflection.

DATCOM METHODS

I. Trailing-Edge Mechanical Flaps

Two methods are presented for estimating the section pitching-moment increment due to the
deflection of mechanical trailing-edge flaps. Method I is applicable to plain, split, and multislotted
flaps with or without extensible flaps. Method 2 is applicable only to plain flaps.

In view of the ease of application of Method 2 and the fact that it predicts plain-flap section
pitching moments as accurately as Method I does, Method 2 is the preferred Datcom plain-flap
method.

Method I (Plain, Split, and Multislotted Flaps)

This method is empirical in nature and limited to the low~peed regime. The section pitching
moment increment due to trailing-edge flaps, based on the square of the wing chord c2 , is given by

6.1.2.I-a

where

~C2 is the lift increment for a given flap type and deflection, from test data or as
determined by the appropriate method of Section 6. 1.1.1.

6.1.2.14



is the desired pitching-moment reference point expressed as a fraction of the basic
airfoil chord. measured positive aft from the airfoil leading edge, parallel to the wing
chord.

is the center-of-pressure location of the incremental load due to flaps,expressed as a
fraction of the extended airfoil chord, measured positive aft from the airfoil leading
edge, parallel to the wing chord. This parameter is obtained from Figure·6.1.2.1-35a
as a function of the ratio of flap chord to airfoil chord cf/c.

c'
c is the ratio of the extended wing chord to the airfoil chord as shown in

Figures 6.1.1.1-44 through -46.

A cQmparison of low-speed test data with calculated values of ACm using this method is presented
in Tables 6.1.2.1-A and -C through -E.

Method 2 (Plain Flaps)

Pitching-moment increments for plain trailing-edge flaps are presented in Figure 6.1.2.1-35b. These
increments are given about the quarter-chord. based on the square of the airfoil chord c2 , as a
function of flap deflection and the ratio of flap chord to airfoil chord cf/c. This figure is limited to
the linear-lift range and subcritical Mach numbers.

A comparison of !ow-speed test data with ACm calculated by this method is presented in
Table 6.1.2.1-B.

2. Conventional Leading-Edge Devices

The section pitching-moment increment due to mechanical leading-edge devices, based on the
.square of the wing chord c2 • is given by thin-airfoil theory as

(

Xref C' - C )
-+-- Ac

c c '

6. 1.2. l-b

where

cm~ is the theoretical flap pitching-moment effectiveness (about the leading edge).
obtained from Figure 6.1.2.1-36 as a function of the ratio of the leading-edge flap
chord to the extended airfoil chord CfLE/c'.

c'

c
is the ratio of the extended wing chord to the basic airfoil chord as shown in
Figure 6.1.1.1-5 I.

is the deflection of the leading-edge device in degrees (see Figure 6.1.1.1-51).
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c

Ac,

Cm

c,

is the desired pitching-moment reference point expressed as a fraction of the basic
airfoil chord, measured positive aft from the airfoil leading edge with the
leading-edge device retracted, parallel to the wing chord.

is the lift increment due to a given leading-edge-device deflection, from test data or
as determined by the appropriate method in Section 6.1.1.1, based on c.

is the section pitching-momen t coefficient with the flaps retracted, based on c2 .

This parameter should be obtained from the test data, if available, or from
Section 4.1.2.1.

is the section lift coefficient with the flaps retracted, based on c. This parameter
should be obtained from test data, if available, or from Sections 4.1.1.1 and 4.1.1.2.

The use of this method is demonstrated in Sample Problem 3.

3. Jet Flaps

Methods that are adaptable to a handbook application are not available for all jet-flap schemes. The
method presented below is applicable to the pure jet-flap concept, and the internally-blown-flap
(IBF) and externally-blown-flap (EBF) concepts with a plain trailing-edge flap. For an IBF or EBF
concept with a single-slotted or multislotted flap configuration, this method should be used only as
a first approximation. No handbook method is currently available to analyze the section
pitching-moment increment due to an augmentor-wing concept.

For EBF flaps the user is cautioned that if the flap does not "capture" or "intercept" all of the jet
exhaust, the result of this method may be erroneous. Reference 57 considers a design where part of
the jet passes below the flap. Furthermore, a technique to be used in analyzing such a design is
proposed. Unfortunately, this technique is cumbersome, and no satisfactory cases to check its
accuracy have been found in the available literature. Th~refore, it is not included in the Datcom. It
should be noted, however, that the lack of such a technique is not a serious restriction, since most
configurations avoid the problem by use of jet deflectors and/or canted thrust axes to ensure that
the entire engine exhaust is flattened and directed at the flap knee.

It should be noted that the airfoil 'thickness correction used in the method of Section 6.1.1.1 in
determining the section lift increment of a jet-flap combination (see Equation 6.I.I.I-p) does not
apply to the section pitching moment. Therefore, the lift coefficients calculated in this section for
use in determining section pitching moment are not the same as those calculated in Sections 6.1.1.1
and 6.1.1.2 and should be considered only as intermediate values generated during the calculation
of the pitching moment. The actual lift of the airfoil must be calculated by using the more exact
procedures of Sections 6.1.1.1 and 6.1.1.2.

The user is reminded that the theory on which this method is based is linear and as such cannot
predict any nonlinearities; e.g., those that may arise from separated flow.

The flap deflection angles and the flap-chord values to be used in this method are not defined in the
conventional manner. Instead, the user must uSe his best judgment to approximate the particular
flap system by constructing a simple-hinged multideflected flap system. The primary goal of the
simple-hinged multideflected nap system is to duplicate the mean-camber-line distribution of the
actual flap system. A schematic illustration is presented in the following discussion (Sketches (d)
through (f) that depicts the determination of the flap chords and flap angles for a triple-slotted-flap
system. The treatment of less complex flap systems follows from this example.

6.1.2.1-6



Determine the mean-camber-line distributions of the flap components as in Sketch (d).

---J?:
~.

SKETCH (d)

WING CHORD LINE

,
Approximate the actual mean-camber-line distribution with straight-line segments (keeping in mind
the total mean-camber-line distribution) as in Sketch (e). Extend the straight-line segments until
they intersect each other, so as to derme the flap-chord lengths as shown.

WING CHORD LINE

<:/ ---;/~ ('

SKETCH (e)

Determine the flap detlection angles from the straight-line segments relative to the wing chord line
as shown in Sketch (C).

SKETCH (f)
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The determination of the extended wing-<:hord c.. in Sketch (0 is found by the following
procedure. The aft nap segment c3 is first rotated from its denected position about the point of
intersection of c2 and c3 ' until the two chords coincide. Then the total chord of c2 and c3 is
rotated about the intersection of c1 and c2 until these two chords coincide. Then the total chord of
c

1
' c2 ' and c3 is rotated about the intersection of the wing chord and c1 until it intersects the wing

chord.

In the method outlined below, the computation of the pitching moment is broken down into
components due to the leading-edge device, the angle of attack, the mechanical nap, and the jet
flap. This division can be somewhat misleading because in each term there appears the parameter
c•• /c, which is the ratio of the airfoil chord with all flaps extended to the basic airfoil chord. Thus
each term is actually dependent upon the total extended airfoil chord c••. For example, a change in
c•• due to a deflection of the leading-edge device will affect the contribution of each component,
not just the component due to the leading-edge device.

No substantiation is given for the method presented below; however, the method has been
acknowledged in the literature as being accurate to within IO percent (References 12 and 16).
Although an insufficient number of configurations have been analyzed to provide a meaningful
substantiation table, the ones that have been analyzed indicate that this method is more accurate in
estimating the pitching-moment change with nap angle than in estimating the variation of pitching
moment with angle of attack. This may be accounted for by the tendency of wings developing very
high lift coefficients to have significant now separation even at low angles of attack. The variation
in the amount of separated now with angle of attack may be affecting cma significantly.

The section pitching-moment increment of an airfoil due to a trailing-edge jet nap at an angle of

attack, based on the square of the wing chord c2 , is given by

where

6.1.2.1-<:

(Arm)"
-'LE

6.1.2.1-8

is the pitching-moment increment due to the denection of a leading-edge
device. (If there is no leading-edge device, (Arm). = 0.)

fLE

is the pitching-moment increment due to the angle of attack of the airfoil. (If
IX = 0, (Acm)a = 0.)

is the pitching-moment increment due to trailing-edge flaps. The nap system is
treated as a series of plain naps using the principle of superposition. The
pitching moments of all of these naps are then summed to give the total. This is
illustrated schematically in Sketch (g) by using a triple-slotted flap. The
treatment of less complex nap systems follows from this example. (For airfoils
with no trailing-edge mechanical naps, (Arm)'f = 0.)

is the pitching-moment increment due to the jet sheet acting at an angle S. to
the trailing-edge camber line. This term may be present with a pure jet flapJ, or
in the case of EBF and IBF systems where the total turning angle of the jet
exceeds the total deflection angle of the mechanical flap segments. (If S. = 0,
(Acm)'j = 0.) J



I
J

I
/

/

-' .. -=F-.,......~
~c

~
8·

8. Jeff
J

+

SKETCH (g)
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The above tenns of Equation 6.1.2.1-c are evaluated by using Steps I through 4, respectively, below.

Step I.

6.1.2.1-<1

a. Evaluate the following expressions:

6.1.2.I-e

6.1.2.I-f

where

~CI'~C2 are tenns analagous to section lift coefficients. However, the
thickness correction is not applied.

is the deflection of the leading-edge device in degrees, as shown
in Figure 6.1.1.1-51.

K is equal to c•• lc, the ratio of the extended wing chord to the
retracted wing chord. (Note that the extended wing chord
includes the extensions of both leading- and trailing-edge flaps.
The definition of the extended chord lengths is shown in
Figures 6.1.1.1-44 through -46 for trailing-edge flaps and
Figure 6.1.1.1-5 I for leading-edge flaps.)

is the section lift effectiveness due to the deflection of a
hypothetical flap of chord ca'

6. 1.2. I-g

where CfLE is the chord of the leading-edge flap defined in
Figure 6.1.1.1-51. This parameter is obtained from Figure
6.1.1.1-49 as a function of Calc." and the trailing-edge jet
momentum c~. c~ is the section nondimensional trailing-edge
jet momentum coefficient based on the extended airfoil chord

c .
c••' C· = C -(see Sketch (a) Section 6.1.1.1).

Il 'Pc••
·When uling Figure 8.1.1.1-48 in thl, section, it is necessery to substitute c.'c66 or ct'c68 for c,Jc' on the figure.
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c'a is the jet-flap lift-curve slope obtained from Figure 6.1.1.1-49 at
cr/c.. ~ 1,* as a function of the trailing-edge jet momentum
coefficient C' .

~

b. Determine the corresponding moment arms:

xm C~E -I)
xa C..

Xl
~ -+

C c•• c

X
,

eE- l) X c••m a.c.
x2 = -+ -- --

C c.. c

where

6.1.2.I-h

6.1.2.I-i

c

c

c

is the desired pitching-moment reference point expressed as a
fraction of the basic airfoil chord, measured positive aft from
the basic airfoil leading edge, parallel to the wing chord.

is the ratio of the airfoil chord with only the leading-edge device
extended to the basic airfoil chord.

is the center-of-lift location of the incremental load due to flap
deflection. This parameter is obtained from Figure 6.1.2.1-37 as
a function of calc•• and the trailing-edge jet momentum C~. It
is measured positive aft from the extended-airfoil leading edge,
parallel to the free stream.

is the aerodynamic-center location obtained from Figure
6.1.2.1-37 at cr/c.. = 1.0, as a function of C~. It is measured
positive aft from the extended-airfoil leading edge, parallel to
the free stream.

is defined in Step la. (See definition of K.)

c. Determine ACm3 from

6. 1.2. I-j

-wit.. using ~igu"8.1.1.1'" in thill8Ction. it iln~rv to lubRitute c/c66 or c,Jc6tJ for c/e' on the figure.
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where

is the section nondimensional trailing-edge jet momentum
coefficient based on the basic airfoil chord (see Sketch (a)
Section 6.1.1.1).

is the ratio of the chord of the leading-edge flap, as defined in
Figure 6.1.1.1-5 I, to the basic airfoil chord.

is defined in Step la.

Step 2. Determine (~Cm)Q by

a. Evaluate ~c4 from

'"= --Kc,
57.3 Q

where

6.1.2.1-k

6.1.2.I-Q

~C4 is a term analagous to the section lift coefficient. However, the
thickness correction is not applied.

'" is the angle of attack of the airfoil in degrees.

K and c'Q are defined in Step la above.

b. Evaluate ~Cm4 from

'"57.3
6.1.2.I-m

All terms have been previously defined in the preceding steps.

Step 3. Determine (~Cm)'f from

n

(~cm)'f = ~ (~cS)i (xs)j
i=1

6.1.2.1-12
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The subscript n refers to the total flap segments; i.e., in triple-slotted flaps, n ~ 3,
double-slotted flaps, n ~ 2, and single-slo tted or plain flaps, n ~ I. The subscript i
refers to a particular flap segment, where the forward segment is I and the aft
segment is n.

a. Evaluate (.<1cs); from

Of;
~ -- Kc,

57.3 'fj

where

6.1.2.1-0

is a term analagous to the section lift coefficient. However, the
thickness correction is not applied.

is the deflection of the i'h flap segment in degrees. The value of
the last flap segment used in this instance depends upon the
effective jet angle Oj,lT' determined by using Equation 6.1.4.I-d

n

of Section 6.1.4.1 or obtained from test data. If OJ'ff >L: Ofi'
i=l

then the last flap deflection is that determined from construct
ing the straight line elements relative to the wing-chord line as

n

depicted in Sketches (f) and (g). If OJ,IT .;; L: 0fj' then the last
i=l

flap deflection is-given by

n-j

Ofn ~ 0ieff - L: Of;
i=l

6.1.2.I-p

K

is the rate of change of section lift coefficient with respect to
flap deflection. The value is obtained from Figure 6.1.1.1-49 as
a function of the trailing-edge jet momentum coefficient C'
and the ratio of the flap chord (of the i'h flap segment) to the
extended airfoil chord cr;lc". For flaps with Fowler-type
motion, the flap chord is defined as shown in Sketch (g).

is defined in Step la.

b. Determine the corresponding moment arm

( C~E )
--I

c
6.1.2.1-q
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Step 4.

where

is the center-of-Iift location of the incremental load due to the
deflection of the ith flap segment. This parameter is obtained
from Figure 6.1.2.1-37 as a function of the trailing-edge jet
momentum c' and the ratio of the flap chord to the extended
wing-chord Cfi7c" .

All other terms have been defined in Step Ib above.

6.1.2.I-r

a. Evaluate ~c6 from

6.1.2.108

where

is a term analagous to the section lift coefficient. However, the
thickness correction is not applied.

is the deflection of a pure jet flap, in degrees, relative to the
trailing-edge camber line (see Sketch (g». For IBF and EBF
systems if

n

0ieff >L: Ofi' then
i=l

n

OJ = OJ.1T - L: /lfi
i=l

If not, then lij = O. Terms are deimed in Step 3a.

6.1.2.I-t

6.1.2.1·14

K

is the rate of change of section lift coefficient with respect to
jet deflection; obtained from Figure 6.1. 1.1-49 at crlcss = 0,
as a function of the trailinlt"dge jet momentum coefficient C· •

p

is defined in Step Ia.



b. Determine the corresponding moment arm

( C~E )--I
c

6.1 2.1-u

where

is the center-of-lift location of the incremental load due to the
jet deflection. This parameter is obtained from Figure
6.1.2.1-37 at cr/c" = 0, as a function of the trailing-edge jet
momentum coefficient C~.

All other terms have been defined in Step 1b above.

Theoretically, this equation, within the context of linearized theory, is exact only for an airfoil of
zero thickness. Unlike the lift equation, no comparable wing-chord thickness correction exists fOJ
the pitching-moment increment.

Sample Problems

I. Plain Trailing-Edge Flap (Method I)

Given: A flapped airfoil from Reference II.

Clark Y airfoil cr/c = 0.30

I 'tan "2 ¢TE = 0.142 x,er/c = 0.25

tic = 0.117

c'lc = 1.0

Compute:

(co ) = 4.51 per rad (Figure 6. 1. 1.1-39a)
Ii theory

coo
0.721(Co ) = (Figure 4.1.1.2-8a)

01 theory

CO,
= 0.516 (Figure 6.1.1.1-39b)(co)

Ii theory

K' = 0.518 (Figure 6.1.1.1-40)
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45
; 57.3 (0.516)(4.51)(0.518)

; 0.947

(Equation 6.1.1. I-c)

xc.P .Ie' ; 0.425

Solution:

(Figure 6.1.2.1-35a)

; (0.947) [0.25 - (0.425)(1)]

(EqIlation 6.1.2. I-a)

-0.166 (based On c2 and measured about c/4)

This compares with a test value of -0.195 from Reference II.

2. Plain Trailing-Edge Flap (Method 2)

Given: A flapped airfoil from Reference 40.

NACA 65 1 -21 0 airfoil

Solution:

cr/c ; 0.20 x'er/c = 0.25

Lkm = -0.130 (based On c2 and measured about c/4) (Figure 6.1.2.1-35b)

This compares with a test value of -0.142 from Reference 40.

3. Plain Leading-Edge Flap

Given: The flapped airfoil of Reference 9.

NACA 0006 airfoil cru/c = 0.15 lir =200 M = 0.15
LE

xrer/c ; 0.25 .1c. = -0.057 (Example 8, Section 6.1.1.1)

c'/c = 1.0 '" = 0 c. = 0 cm = 0
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Compute:

em'LE 0.00116 perdeg (Figure 6.1.2.1-36)

, ( ,c c
+ 0.75 e,(-z) ~

•
(Equation 6.l.2.I-b)

= -0.00116 (1.0)2 (20) + (0.25 + 0)( -0.057) + O[ (1.0)2 - 1.0J + 0.75 (0)( 1)( I - I)

= -0.0232 - 0.0143

= -0.0375 (based on ,2 and measured about c/4)

This compares with a test value of -0.026 from Reference 9.

4. Jet Flaps

Given: The IBF airfoil with a double-slotted trailing-edge Fowler flap and leading-edge Krueger
flap.

I
I
J
I

I
r / •
" / ul

~/ Bf
2 8

u
AFT-FLAP ~

c•• CfLE
,

C.
cLE= 5.0 = 1.174 - = 0.105 = 1.068

c c c

c2 c1 xm
3.00= 0.306 = 0.074 = 0.25 IX =c C C

OfU = 300 OfI = 30° of2 = ISo o. = 560 0, = 38°
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Compute:

c••
K = - = 1.174

C

c. = c•• - crLE (Equation 6. 1.2. I-g)

C
crLEI C

"•-- 1-- -
c.b

C C

0.105
= 1---

1.174

= 0.9106

C'.
C.

=--
c•• /c

5.0
=

1.174

= 4.259

c'6. = 13.83 per rad

} (Figure 6.1.1.1-49)

c'a = 14.00 per rad

6rLE
aCt - -- Kc (Equation 6.1.2.1-e)

- 57.3 '0.

= 30
3

(1.174)(13.83)
57.

= 8.501

(Equation 6.1.2.1-f)

6.1.2.1-18

30
= -(1.174)(14.00)

57.3

= 8.605



Xa

:66 . = 0.235 )

~ - 0.202
cM

(Figure 6.1.2.1-37)

(Equation 6.1.2.I-h)

= 0.25 + (1.068 ~ I) - (0.235)( 1.174)

= 0.0421

X a.c. eM
(Equation 6.1.2.I-i)

= 0.25 + (1.068 - I) - (0.202)(1.l74)

= 0.0809

CfLE
aCm3 = C - sin 6f (Equation 6.1.2.1-j)

# C LE

= (5.0)(0.1 05)(sin 30°)

= 0.2625

= (8.501 )(0.0421) - (8.605)(0.0809) + (0.2625)

= -0.0757

C<
aC4 = - K c. (Equation 6.1.2.1-£)

57.3 •

= 3.0 (1.174)(14.00)
57.3

= 0.861
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(){

57.3
(Equation 6.1.2.I-m)

-(5.0)[0.25 + (1.068 ~ 1)] (3.0)
57.3

= -0.0832

= (0.861)(0.0809) - 0.0832

= -0.0135

n = 2, since there are two flap segments

Io = -(0 +8) (Equation 6.1.4.1-<1)jerr 2 u Q

1= -(56 + 38)
2

n

Therefore, since Ojerr > L Of; = (Ofl + Of2) = 45°,Of2 = 15° (see Step 3a)
i"'l

Cfl c c21
= -+- (See Sketch (g))

c c c

= 0.074 + 0.306

= 0.3eO

= 0.380/1.174

= 0.3237

For i = I (forward flap segment)

C26fl = 12.33 per rad (Figure 6.1.1.1-49)
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(Equation 6.1.2.1-0)

30
= - (1.174)(12.33)

57.3

= 7.579

0.490 (Figure 6.1.2.1-37)

(Eq uation 6.1.2. 1-q)

= 0.25 + (1.068 - 1) - (0.490)(1.174)

= -0.2573

For i = 2 (aft flap segment)

= 0.306/1.174 = 0.2606

= 12.05 perrad (Figure 6.1.1.1-49)

(Equation 6.1.2.1-0)

15
= - (1.174)(12.05)

57.3

= 3.703

-= 0.521 (Figure 6.1.2.1-37)

(xslz = :m + C~E _I) _::: c;s (Equation 6.1.2.1-q)

= 0.25 + (1.068 - I) - (0.521)(1.174)

= -0.2937
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Step 4.

n

(licm)'r = L (lics)Jxs)j (Equation 6.1.2.I-n)
j=l

= (7.579)(-0.2573)+ (3.703)(-0.2937)

= -3.0376

c"j = 10.07 per rad (Figure 6.1.1.1-49)

n

Since 8jeff >L 8f1 (Step 3), then
i=l

n

8j = 8jerf - L 8fj
i=l

= 47 - (30+ 15)

~

= -~- (1.174)(10.07)
57.3

= 0.4126

Xj
- = 0.658 (Figure 6.1.2.1-37)
caa

(Equation 6.1.2.I-u)

6.1.2.1-22

= 0.25 + (1.068 - I) - (0.658)( 1.174)

= -0.4545



(.:l.cm)6j = .:l.c6 x6 (Equation 6.1.2.I-r)

= (0.4164)(-0.4545)

= -0.1875

Solution:

= -0.0757 - 0.0135 - 3.0376 - 0.1875

= -3.314 (based on c2 )
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TABLE B.l.2.1-A
PLAIN TRAILING-EDGE FLAPPITCHING-MOMENT EFFECTIVENESS

(METHOD 11
DATA SUMMARY AND SUBSTANTIATION

Airfoil 'f ""m "cm •
Ref. e,/c ><re,/c Percent

Section (dog' Calc. Test Error

36 23012 0.10 0.238 10 -0.063 -0.070 -10.0

20 -0.113 -0.105 7.6

30 -0,134 -0.130 3.1

40 -0.161 -0.160 0.6

50 -0.187 -0.180 3.9

60 -0.212 -0.195 8.7

11 Clerk V 0.10 0.250 10 -0.041 -0.070 -41.4

I I I 1
30 -0.088 -0.125 -29.6

45 -0.113 -0.159 -28.9

60 -0.137 -0.165 -17.0

35 23012 0.20 0.238 10 -0.086 -0.090 -4.4

J I I 1

20 -0.151 -0.150 0.7

30 -0.173 -0.180 -3.9

45 -0.219 -0.215 1.9

60 -0.258 -0.240 7.5

37 23012 0.20 0.250 15 -0.119 -0.122 -2.5

I I l I 30 -0.163 -0.170 -4.1

11 23012 0.20 0.250 15 -0.086 -0.130 -33.8

1 1 I 1
30 -0.116 -0.178 -34.8

45 -0.148 -0.220 -32.7

60 -0.174 -0.235 -26.0

22 Circular 0.20 0.250 20 -0.164 -0.133 23.3
ArcO.06c

l !
40 -0.220 -0.174 26A

I 60 -0.280 -0.220 27.3

Circular 0.20 0.250 20 -0.134 -0.130 3.1
Arc D.1Dc

I l
40 -0.180 -0.188 -4.3

I 60 -0.230 -0.220 4.5

40 651-210 0.20 0.250 5 -0.048 -0.062 -22.6

10 -0.098 -0.110 -10.9

5 -0.056 -0.051 9.8

10 -0.110 -0.101 8.9

15 -0.162 -0.142 14.1

20 -0.194 -0.166 16.9

6.1.2.1-26



TABLE 6.1.2.1·A (CONTOI

Airfoil " ,,"em ,,"em •
Ref. ef/c )(ret!c PercentSection (dogl Calc. Test Error

18 Double Wedge 0.25 0.250 10 -0.107 -0.100 7.0

I I
20 -0.180 -0.163 10.4

40 -0.244 -0.194 25.8

50 -0.278 -0.220 26.4

60 -0.309 -0.225 37.3

9 0006 0.30 0.250 20 -0.166 -0.180 -7.8

! ! 1 1
35 -iJ.221 -0.205 7.8

50 -0.257 -0.250 2.8

20 0009 0.30 0.250 10 -0.098 -0.100 -2.0

j I I
20 -0.156 -0.160 -2.5

30 -0.179 -0.170 5.3

40 -0.212 -0.200 6.0

45 -0.201 -0.220 -8.6

11 Clark Y 0.30 0.250 10 -0.068 -0.100 -32.0

1 1 1 !
30 -0.125 -0.170 -26.5

45 -0.166 -0.195 -14.9

60 -0.189 -0.185 2.2

39 lfHlO!l 0.329 0.250 10.3 -0.072 -0.075 -4.0

38 0009-64 0.334 0.250 5.9 -0.048 -0.059 -18.7

! 1 1 1
7.9 -0.064 -0.072 -11.7

9.9 -0.080 -0.089 ~10.1

19 0009 0.50 0.250 10 -0.094 -0.086 9.3

I I I I
20 -0.129 -0.150 -14.0

, 30 -0.153 -0.196 -21.9

40 -0.183 -0.239 -23.4

45 -0.198 -0.258 -23.3

1:1el
Average Error . -- • 14.2%

n
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TABLE 6.1.2.1·B
PLAIN TRAILING-EDGE FLAP PITCHING-MOMENT EFFECTIVENESS

IMETHOO 21
DATA SUMMARY AND SUBSTANTIATION

Airfoil 6, 4Cm C/ 4 .6cmC/ 4
e

Ref. cf/c Percent
Section Id09I Calc. Test Error

36 23012 0.10 10 -0.053 -0.073 -27.4

20 -0.103 -0.110 -6.4

30 -0.140 -0.137 2.2

40 -0.162 -0.168 -3.6

50 -0.173 -0.190 -B.9

60 -0.17B -0.206 -13.6

11 Clark Y 0.10 10 -0.053 -0.070 -24.3

I I j
30 -0.140 -0.125 12.0

45 -0.168 -0.159 5.7

60 -0.178 -0.165 7.9

35 23012 0.20 10 -0.090 -0.094 -4.3

I
20 -0:162 -0.158 2.5

30 -0.200 -0.190 5.3

45 -0.223 -0.227 -1.B

I 60 -0.236 -0.255 -7.5

37 23012 0.20 15 -0.130 -0.122 6.6

I ~ I 30 -0.200 -0.170 17.6

11 23012 0.20 15 -0.130 -0.130 0

I I j
30 -0.200 -O.17B 12.4

45 -0.223 -0.220 1.4

60 -0.236 -0.235 0.4

22 Circul. 0.20 20 -0.162 -0.133 21.B
Arc 0.0&

! 40 -0.217 -0.114 24.7

I 60 -0.236 -0.220 7.3

Circul. 0.20 20 -0.162 -0.130 24.6
Arc o.lOc

! 40 -0.217 -0.188 15.4

I 60 -0.236 -0.220 7.3
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TA8LE 8.1.2.1·8 lCONTO)

Airfoil 'f .o.c."C/4 .a.c",C/4 •
otic PercentRef. Section Idog) Calc. Test Error

40 651-210 0.20 5 -0.048 -0.062 -22.6

10 -0.090 -0.110 -18.2

5 -0.048 -0.051 -5.9

10 -0.090 -0.101 -10.9

15 -0.130 -0.142 -8.5

20 -0.162 -0.166 -2.4

18 Double Wedge 0.25 10 -0.110 -0.100 10.0

I I
20 -0.195 -0.163 19.6

40 -0.268 -0.194 38.1

50 -0.283 -0.220 28.6

60 -0.292 -0.225 29.8

9 0006 0.30 20 -0.167 -0.180 -7.2

! ! ! 35 -0.237 -0.205 15.6

50 -0.258 -0.250 3.2

20 0009 0.30 10 -0.090 -0.100 -10.0

r j I
20 -0.167 -0.160 4.4

30 -0.218 -0.170 28.2

40 -0.243 -0.200 21.5

45 -0.252 -0.220 14.5

11 Clark Y 0.30 10 -0.090 -0.100 -10.0

j I j
30 -0.218 -0.170 28.2

45 -0.252 -0.195 29.2

60 -0.265 -0.185 43.2

39 1~9 0.329 10.3 -0.093 -0.075 24.0

38 0009·64 0.334 5.9 -0.051 -0.059 -13.6

! I I 7.9 -0.070 -0.072 -3.4

9.9 -0.090 -0.089 1.1

19 0009 0.50 10 -0.077 -0.086 -10.5

I I I
20 -0.144 -0.150 -4.0

30 -0.195 -0.196 -0.5

40 -0.235 -0.239 -1.7

45 -0.250 -0.258 -3.1

Elel
Average Error = -- • 12.6%

n
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TABLE 6.1.2.1-<:
SINGLE.SLOTTED TRAI LING-EDGE FLAP PITCHING·MoMENT EFFECTIVENESS

(METHOD I)
DATA SUMMARY AND SUBSTANTIATION

Airfoil " A"m A"m e
Ref. ",Ie c'le xref!c PercentSection ldeg) Calc. Test Error

23 23012 0.15 1.150 0.238 30 -0.300 -0.300 0

26 23021 0.15 1.150 0.223 60 -0.366 -0.380 -3.7

27 63t420) -222, 0.243 1.070 0.2li0 40 ~O.327 -0.300 9.0
a" 0.1

23 23012 0.25 1.250 0.238 40 -0.583 -0.620 -6.0

26 23021 0.25 1.250 0.223 40 -0.540 -0.520 3.8

24 66.2-216, 0.25 1.029 0.250 10 -0.101 -0.105 -3.8
a" 0.6

1

1.043 20 -0.204 -0.240 -15.0

j
1.058 30 -0.289 -0.327 ~11.6

1.068 40 -0.332 -0.384 -13.5
1.073 50 -0.338 -0.405 -16.5

25 66.2-216, 0.25 1.014 0.250 10 -0.097 -0.112 -13.4

I
a·0.6

1

1.029

1

20 -0.194 -0.234 -17.1

I 1.043 30 -0.276 -0.360 -23.3
1.058 40 -0.323 -0.410 -21.2
1.066 50 -0.331 -0.400 -17.3

6 65-210 0.25 1.144 0.250 28.2 -0.359 -0.425 -15.5
1.141 34.5 -0.404 -0.445 -9.2
1.135 39.5 -0.420 -0.500 -16.0

1.146 44.7 -0.428 -0.462 -7.4

1.075 29.1 -0.308 -0.360 -14.4

1.078 39.1 -0.361 -0.420 -14.1

1.076 44.1 -0.363 -0.445 -18.4
1.076 49.1 -0.359 -0.395 -9.1

36 23012 0.257 1.030 0.238 10 -0.110 -0.110 0

1 I
1.050

1

20 -0.226 -0.240 -5.8

1.060 30 -0.320 -0.355 -9.9
1.070 40 -0.377 -0.395 -4.6

1.080 50 -0.384 -0.355 8.2

21 23021 0.257 1.035 0.223 10 -0."6 -0.130 -10.8

I I I
1.035 20 -0.223 -0.270 -17.4

1.070 30 -0.324 -0.350 -7.4

1.070 40 -0.352 -0.400 -12.0
1.070 60 -0.362 -0.405 -10.6
1.060 60 -0.371 -0.406 -6.9
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TABLE 8.1.2.1-<: (CONTOI

Airfoil '1 "'<m "'<m •
Ref. cf/c r.'fe xr",lc PercentSection (dog) Calc. Test Error

21 23021 0.257 1.037 0.223 20 -0.224 -0.255 -12.2

j j
1.050

I
30 -0.306 -0.330 -7.3

1.063 40 -0.345 -0.320 7.8
1.054 50 -0.347 -0.340 2.1
1.065 60 -0.381 -0.360 5.8

35 23012 0.267 1.260 0.238 30 -0.533 -0.600 -11.2

31 23012 0.30 1.200 0.238 10 -0.189 -0.205 -7.8
20 -0.363 -0.325 11.7

30 -0.502 -0.435 15.4
40 -0.574 -0.540 6.3
50 -0.577 -0.560 3.0

10 -0.189 -0.220 -14.1
20 -0.363 -0.395 -8.1

30 -0.502 -0.500 0.4
40 -0.574 -0.515 11.5

1.310 10 -0.236 -0.320 -26.3

1
20 -0.449 -0.525 -14.5

30 -0.602 -0.685 -12.1

40 -0.661 -0.700 -5.6

28 23021 0.40 1.032 0.223 10 -0.148 -0.155 -4.5

j j j
1.075

1

20 -0.320 -0.310 3.2
1.085 30 -0.435 -0.400 8.8
1.055 40 -0.458 -0.390 17.5
1.095 50 -0.505 -0.425 18.8

29 23030 0.40 1.040 0.140 10 -0.203 -0.195 4.1

I I 1

1.080

1
20 -0.406 -0.410 -1.0

1.100 30 -0.544 -0.545 -0.2
1.150 40 -0.655 -0.570 14.9
1.160 50 -0.707 -0.650 8.8

30 23012 0.40 1.065 0.238 10 -0.155 -0.145 6.9
1.088 20 -0.323 -0.300 7.7
1.103 30 -0.462 -0.440 5.0
1.093 40 -0.515 -0.355 45.1

1.090 50 -0.519 -0.420 23.6

1.082 10 -0.162 -0.150 8.0
1.100 20 -0.332 -0.300 10.7
1.102 30 -0.462 -0.405 14.1

1.110 40 -0.538 -0.400 34.5
1.090 50 -0.519 -0.420 23.6

1: lei
Average Error .. - .. 11.2%

n
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TABLE 6.1.2.1-0
DOUBLE·SLOTTED TRAILlNG·EDGE FLAP PITCHING·MOMENT EFFECTIVENESS

(METHOD 11
DATA SUMMARY AND SUBSTANTIATION

Airfoil ", "2 ""'m ""m •
Ref. c1/c ",Ie c'le Xret /c PercentSection Id"lll Id"lll Calc. Test Error

41 230'2 0.170 0.257 1.221 0.238 25 35 -0.804 -0.713 '2.8

42 23021 0.147 0.257 1.229 0.223 30 40 -0.976 -0.773 26.3

43 64·208 0.056 0.250 1.127 0.250 25 25 -0.573 -0.54' 5.9

1410 0.075 0.250 1.141 25 25 -0.595 -0.606 -1.8

63·210 1.138 25 25 -0.612 -0.578 5.9

65·210 1.143 25 25 -0.597 -0.584 2.2

66-210 1.144 25 30 -0.598 -0.583 2.6

64·208 1.148 30 15 -0.668 -0.568 17.6

64·2,2 '.152 30 20 -0.645 -0.606 6.4

64-210 1.139 30 25 -0.635 -0.633 0.3

66-210 0.100 0.250 1.172 25 35 -0.675 -0.563 '9.9

6 65·210 0.075 0.250 1.139 0.250 15 25 -0.537 -0.550 -2.3

1.146

I
20 25 -0.582 -0.583 -0.2

1.143 25 25 -0.607 -0.590 2.9

1. '48 30 25 -0.640 -0.590 8.5

1.133 35 25 -0.639 -0.557 14.7

10 64A010 0.075 0.250 1.133 0.250 30 22.7 -0.631 -0.550 14.7

I I I I I I 30 22.7 -0.631 -0.520 21.4

44 653-'18 0.100 0.245 1.175 0.250 23 42 -0.670 -0.714 -6.2

7 23012 0.143 0.257 1.145 0.238 30 20 -0.737 -0.654 12.7

1.160 30 30 -0.808 -0.703 14.9

1.110 10 40 -0.509 -0.527 -3.4

1.110 20 10 -0.459 -0.472 -2.8

1.115 40 0 -0.545 -0.410 32.9

1.101 0 30 -0.358 -0.342 4.7

1:181
Aver. Error "" - • 9.8%

n
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TABLE 6.1.2.1-E
SPLIT TRAILING-EOGE FLAP PITCHING·MOMENT EFFECTIVENESS

(METHOD 11
DATA SUMMARY AND SUBSTANTIATION

Airfoil ,,"em ,,"em
e

Ref. cf/c xref/c 'f PercentSection fdeg) Calc. Te" Error

8 23012 0.10 0.238 15 -0.085 -0.085 0

I I
30 -0.147 -0.145 1.4

45 -o.18S -0.185 0

60 -0.211 -0.195 8.2

75 -0.225 -0.185 21.6

8 23021 0.10 0.223 15 --0.123 -0.080 53.8

J

30 -0.207 -0.150 38.0

45 -0.267 -0.210 27.2

60 -0.305 -0.250 22.0

75 -0.328 -0.250 31.2

46 66,1·212 0.20 0.250 40 -0.204 -0.205 -0.5

1 1 1 1

50 -0.228 -0.219 4.1

60 -0.246 -0.235 4.7

70 -0.258 -0.234 10.3

46 651.212 0.20 0.250 40 -0.204 -0.191 6.8

I J 1 1
50 -0.228 -0.212 7.5

60 -0.246 -0.221 11.3

70 -0.258 -0.211 22.3

46 66(215)·216 0.20 0.250 40 -0.236 -0.232 1.7

I 1 1 J

50 -0.264 -0.257 2.7

60 -0.286 -0.262 9.2

70 -0.304 -0.264 15.2

21 23012 0.20 0.238 5 -0.036 -0.026 38.5

10 -0.070 -0.060 16.7

15 -0.106 -0.090 17.8

20 -0.134 -0.116 15.5

30 -0.179 -0.170 5.3

45 -0.228 -0.214 6.5
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TABLE B.l.2.1·E (CONTO)

Airfoil " A"m ACm
e

Ref. e,/c x,e'!c Percent
Section fdeg) Calc Test Error

34 23021 0.20 0.250 15 -0.134 -0.103 30.1

30 -0.224 -0.200 12.0

45 -0.292 -0.252 15.9

60 -0.332 -0.280 18.6

75 -0.358 -0.271 32. I

8 23012 0.30 0.238 15 -0.110 -0.115 -4.3

I I I I
30 -0.185 -0.185 0

45 -0.236 -0.230 2.6

60 -0.267 -0.242 10.3

8 23021 0.30 0.223 15 -0.160 -0.140 14.3

30 -0.267 -0.245 9.0

45 -0.345 -0.325 6.2

60 -0.394 -0.360 9.4

75 -0.422 -0.365 15.6

8 23012 0.40 0.238 15 -0.110 -0.102 7.8

I 1 I 1
30 -0.188 -0.185 1.6

45 -0.'38 -0.230 3.5

60 -0.269 -0.245 9.8

8 23021 0.40 0.223 15 -0.163 -0.153 6.5

I I I I
30 -0.271 -0.272 -0.4

45 -0.350 -0.360 -2.8

60 -0.402 -0.407 -1.2

I:lel
Average Error .. - • 12.5%

n
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6.1.2.2 SECTION DERIVATIVE cm • WITH HIGH-LIFT AND CONTROL DEVICES

Mechanical Flaps

According to thin-airfoil theory, camber, such as that due to flaps, does not affect the
moment-curve slope of an airfoil section. Experimental data verify this for the angle-of-attack and
flap-deflection ranges for which the flow is attached over the airfoil and flap surfaces. This aspect of
the subject is discussed with respect to lift for various types of flaps in Section 6.1.1.2.

A typical set of data is shown in Sketch (a) for plain trailing-edge flaps.

(+) APPROXIMATE

I' LINEAR IRANGE, Cl = 0
6 = _20°

\

c 6 = 0° (+)mc/4 c£
6 = 20°

6 = 40°,
6 = 60° /, I

(-)

SKETCH (a)

The approximate linear range is noted in the sketch. At angles of attack above the linear range the
flow separates over the flap surface, and the additional loading due to the flap is lost. A pitch-up
tendency results. At angles of attack below the linear range the flow separates on the underside of
the airfoil, causing a forward shift in center of pressure and a nose-up moment change.

Theoretically, the pitching-moment-curve slope is affected both by leading- and trailing-edge devices
that extend beyond the chord of the basic airfoil. These changes, predicted by thin-airfoil theory,
along with a recommended empirical factor for trailing-edge devices, are presented in Reference 1.
Attempts to substanllate these equations by using available test data of References 2 through 8 have
proved unsatisfactory. The test data from these references do not indicate a consistent dependence
of pitching-moment-curve slope upon airfoil-chord extension as predicted by thin-airfoil theory.

Jet Flaps

The aerodynamic-center location for a jet-flap airfoil is dependent upon the trailing-edge jet
momentum coefficient C. and upon the extent to which leading- and trailing-edge flaps extend
beyond the basic airfoil.

6.1.2.2-1



Considerations of clarity and simplicity of presentation dictated a deviation from normal Datcom
practice in that the effect of jet flaps on Cm~ was included in Section 6.1.2.1, which deals with the
pitching-moment increment Acm.

DATCOM METHODS

I. Leading- and Trailing-Edge Mechanical Flaps

The parameter dcm/dcQ for various flap deflections is the same as that for zero flap deflection for
angles of attack near zero. However, the linear range for this parameter becomes very small at the
higher flap deflections.

2. Jet Flaps

The variation of pitching moment with angle of attack for airfoil sections equipped with jet flaps is
covered in the jet-flap method of Section 6.1.2.1. The range of applicability and the limitations of
the method are discussed there and in Section 6.1.1.1.

REFERENCES

1. Hebert. J.• Jr., at al.: STOL Tactical Aircreft Investiption. Volume II Design ComPendium. AFFOL-TR-73-21·Volume II,
1973. lUI

2. Recant, I. G.: Wind-Tunnel Investigation of an N.A.C.A. 23030 Airfoil with Various Arrangements of Slotted Flaps. NACA
TN 755.1940. (Ul

3. Wenzinger, C. J.. and Harris, T. A.: Wind-Tunnel Investigation of an N.A.C.A. 23021 Airfoil with Various Arrangements of
Slotted Flaps. NACA TR 677, 1939. lUI

4. HBrris, T. A.. and Purser, P. E.: Wind-Tunnet Investigation of 8n N.A.C.A. 23012 Airfoil with Two Sizes of Balanced Split
Flap. NACA WR L-441, 1940. lUI

5. Swanson, R. S., and Schuldenfrei, M. J.: Wind-Tunnel Investigation of an N.A.C.A. 23021 Airfoil with Two Sizes of Balanced
SpHt Flaps. NACAWR L-449, 1941. (UI

6. Holtzclaw. R. W., and weisman, Y.: Wind-Tunnel Investigation of the Effects of $Iot Shape and Flap Location on the
Characteristics of. Low-Drag Airfoil Equipped with 8 O.2&-ehord Sioned Flap. NACA WR A..ao. 1944. (UI

7. Holtzclaw. R. W.: Wind·Tunnel Invesdgetion of the Effects of Spoilers on the Characteristics of 8 Low-Drag Airfoil Equipped
w;th a O.2S-ehord Sionad Flap. NACA WR A-92, 1945. (UI

8. Harris. T. ~ end Recent. I. G.: Wind-Tunnel Investigation of N.A.C.A. 23012. 23021. and 23030 Airfoils EqUipped with
4O-Percent-Chord Double Slotted Flaps. NACA TR n3. 1941. (U)

9. Seers. R. I.: Wind-Tunnel Date on the Aerodvnamic Characteristics of Airplane Control Surfaces. NACA WR L-663. 1943. (U)

10. Lowry. T. G.: Wind-Tunnel Investigation of an N.A.CA. 23012 Airfoil with S....ral Arrangements of Slotted Flaps with
E",anded Lips. NACA TN 808,1941. (Ul

11. Wtnzinger, C. J.. and Harris. T. A.: Wind-Tunnel Investigation of en N.A.C.A. 23012 Airfoil with Verious Arrengements of
Slotted Flapa. NACA TR 664, 1939. (Ul
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6.1.2.:i SECTION PITCHING MOMENT NEAR MAXIMUM LIFT WITH HIGH-LIFT
AND CONTROL DEVICES

It is shown in reference I that near maximum-lift conditions the pitching-moment increment due to flap
deflection is a function of the corresponding lift increment and is nearly independent of flap and airfoil
geometry. The summary chart from this reference is presented in this section for estimating pitching
mom ent increments due to flap deflection at high angles of attack. The flap types covered include plain,
slotted, and Fowler trailing-edge flaps and leading-edge flaps and slats. The chart is applicable only to that
part of the c

m
versus c, curve just below the moment break.

DATCOM METHOD

Section pitching-moment increments due to high-lift and control devices are obtained from figure 6.1.2.3- 3.
The section-lift increment Ac~ used in reading this chart is obtained from the appropriate method of Sec
tion 6.1.1.1. The section-lift increment for airfoils with both leading-edge and trailing-edge devices is
obtained by adding the individual increments calculated by the methods of Section 6.1.1.1.

The design chart is based on the test data of references 2 through 28. The accuracy of the method, within
the boundaries of the test points on the chart, is dependent upon the accuracy.of the value of Ac~ used in
reading the design chart. The limitations of the method are the same as those of the methods of Sec-
tion 6.1.1.1 for determining the section-lift increments.

REFERENCES

1. Bidvvell, J.M•• and Cahill, J.F.: Survey of TW<H)imeosional Data on Pitching-Moment Changes Near Maximum Lift Caused by Deflection
01 High·Lift Devices. NACA AM L9J03. 1949. IU I

2. Cahill. J.F.: Summary of Section Data on Trailing-Edge High-Lift Devices. NACA RM LSD09. 1948. IU)

3. Wenzlnger, C.J., and Harris, T.A.: Wind-Tunnel Investigation of an NACA 23012 Airfoil With Various Arrangements of Slotted Flaps.
NACA TA 664, 1939. lUI

4. Abbott,I.H•• and Greenberg, H.: Tests in the Variable-Density Wind Tunnel of the NACA 23012 Airfoil with Plain and Split Flaps.
NACA TA 661, 1939. lUI

5. Klein. M.M.: Pressure Distributions and Force Tests of an NACA 65-210 Airfoll5ection with 8 5O-Percent-ehord Flap. NACA TN 1167,
1947. lUI

6. Wenzinger, C.J., and Harris, T.A.: Wind-Tunnel Investigation of NACA 23012, 23021, and 23030 Airfoils with Various Sizes of Split Flap.
NACA TA 668, 1939. lUI

7. Schuldenfrel, M.J.: Wind-Tunnel Investigation of an NACA 23012 Airfoil with 8 Handley Page Slat and Two Flap Arrangements.
NACA WA L-261 , 1942. lUI

8. Harris, T.A., and Purser, P.E.: Wind-Tunnel Investigation of an NACA 23012 Airfoil with T'NO Sizes of Balanced Split Flap.
NACA WA L-441. 1940. lUI

9. Lowry, J.G.: Wind-Tunnel Investigation of an NACA 23012 Airfoil with Several Arrangements of Slotted Flaps with Extended Lips.
NACA TN BOB, 1941. lUI

10. Herris, T .A.: WInd-Tunnel Investigation of an NACA 23012 Airfoil with Two Arrangements of a Wid.chord Slotted Flap. NACA TN 715,
1939. lUI

11. Purser, P.E., Fischel, J., end Riebe. J.M.: Wind-Tunnel Investigation of an NACA 23012 Airfoil with 8 O.JO.Airfoil..chord Double Slotted
Flop. NACA WA L-469. 11143_ iiI)
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NACA TR 677, 1939, lUI

13. Duschik, F.: Wind-Tunnel Investigation of an NACA 23021 Airfoil with Tvvo Arrangements of a 4O-Percent-Chord Sioned Flap.
NACA TN 728, 1939, lUI
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NACA WR L·7, 1944, lUI
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Low-Drag Airfoil Equipped with a 0.25-Chord Sioned Flap, NACA WR A-92. 1944. (U)

16. Abbon,I.H., and Fullmer, F.F •• Jr,: Wind-Tunnel Investigation of NACA 63. 4-420 Airfoil with 25-Pen::ent-Chord Sioned FI~,

NACA ACR 3121, 1943, lUI

17. Gillis. C.L,. and McKee. J.W.: Wind-Tunnel Investigation of an NACA 23012 Airfoil with an \8,05-Percent-ehord Maxwell Slat end witt
Trailing-Edge Flaps, NACA WR L-574, 1941. (U)
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Trailing-Edge Flaps. NACA WR L-693. 1941. (U)

19. Weick. F.E" and Platt. R.C.: Wind-Tunnel Tests on Model Wing With Fowler Flap and SpeciaUy Developed LeacUng.E.dge Slot.
NACA TN 459, 1933, lUI

20. Lemme, H.G.: Force and Pressure-Distribution Measurements on a Rectangular Wing with a Slotted Droop Nose and with Either Plain
and Split Flaps in Combination or a Slotted Flap. NACA TM 1108, 1947. lUI

21. Lemme, H.A.: Force and Pressure-Distribution Measurements on a Rectangular Wing with Double-Hinged Nose. NACA TM 1117. 1947.(U)

22. Gauvain. W.E.: Wind-Tunnel Tests of a Clark Y Wing with "Maxwell" Leadlng<dge Slots. NACA TN 598, 1937, (U)

23. Fullmer, F,F .. Jr.: Two-Dimensional Wind-Tunnel Investigation of the NACA 641-012 Airfoil Equipped with Two Types of Leading-.EdlJP
Flap, NACA TN 1277,1947, lUI

24. Fullmer, F.F., Jr.: Two-Dimensional Wind-Tunnel Investigation of an NACA 64--009 Airfoil Equipped with Two Types of Leading-Edge
Flap, NACA TN 1624,1948, lUI

25. Underwood, W.J., and Nuber, R.J.: Two-Dimensional Wind-Tunnel Investigation 81 High Reynolds Numbers of Two Symmlttrical
Circular-Arc Airfoil Sections with High-Lift Devices. NACA RM L6K22, 1947. IU)
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6.1.3 SECTION HINGE MOMENT OF HIGH-LIFT AND CONTROL DEVICES

Hinge moments arc affected by many factors, such as balance ratio, balance shape, basic airfoil
characteristics, trailing-edge angle, trailing-edge bluntness, gap size and geometry, tab controls and
trimmers, etc. Hinge moments are also nonlinear with angle of attack and flap deflection,
particularly at moderate to large angles. The hinge moments of trailing-edge controls are sensitive to
boundary-layer conditions and hence to Reynolds-number effects. All of the above items cause the
prediction of hinge moments to be very difficult. Test data on the particular configuration under
consideration or one closely resembling it should always be preferred to characteristics obtained
from generalized methods. (Summaries of early hinge-moment test data used in determining the
effects of various factors on hinge moments can be found in References I and 2.)

The methods presented in subsequent sections are limited to the range of flap deflections and angles
of attack for which the hinge moments are linear, i.e., those conditions for which the flow is
attached over the control surface. The angles of attack and flap deflections at which the flow
separates over a plain, sealed control are interrelated and depend upon the f1ap-chord-to-wing-chord
ratio. Approximate boundaries for linear control effectiveness are presented in Figure 6.1.3-2. This
chart. taken from Reference 3, is based on test data on an NACA 0009 airfoil.

The sign convention for hinge moments is that a positive hinge moment tends to rotate the
control-surface trailing edge down, i.e., a positive control deflection.

REFERENCES

1. Sears, R. I.: Wind·Tunnel Data on the Aerodynamic Characteristics of Airplane Control Surfaces. NACA WR L-663,
1943. (U)

2. Axelson, J. A.: A Summary and Analysis of Wind Tunnel Data on the Lift and Hinge-Moment Characteristics of Control
Surfaces up to a Mach Number of 0.90. NACA RM A7L02, 1948. (U)

3. Ames, M. B., Jr., and Sears, A. I.: Determination of Control-Surface Characteristics from NACA Plain-Flap and Tab Data.
NACA TR 721,1941. (U)
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6.1.:\.1 ~ECTIO!'i IIE'iGE·MOMENT DERl\'ATIVE eh OF
IIIGII·LlFT AND CONTROL DEVICE~ "

For the angle-of-attack range where the now is attached over the control surface, the variation of
hinge moment with angle of attack is linear. At some angle of attack, depending upon the control
deflection and airfoil and control geometry, the flow separates from the flap surface. The rate of
change of hinge moment with flap deflection increases beyond this point at an increased rate. This
increase can be attributed to the increased loading at the trailing edge on the leeward side that
accompanies separation, i.e., the aft movement of the center-of-pressure location. The approximate
angle of attack at which the flow separates from the surface of a plain, sealed flap 011 an
NACA 0009 airfoil is shown as a function of flap deflection angle and flap-chord-to-control-chord
ra"tio in Figure 6.1.3-2.

Those additional parameters that restrict the linear range are large trailing-edge angles, large
r:o'e-balance ratios, blunt (control) nose shapes, and relatively large airfoil thickness ratios. The
linear hinge-moment range is generally smaller than the corresponding linear lift-increment range
due to control deflection.

Seal and Gap Effects

Unsealing the gap between the nose of the control surface and the basic airfoil affects the
hinge-moment derivative of both plain and balanced controls. For most cases, the hinge-moment
derivative ch becomes more positive when the gap is unsealed. Experimental data indicate that this
effect tends fa be larger for balanced controls. The method presented herein does not quantitatively
account for the effect of unsealing the gap. In effect, seals or gaps produce a change in the pressure
distribution along the control surface. Therefore, many factors must be considered when analyzing
the effects of gaps or seals, i.e., type and/or location of seal, nose shape, balancing, and the
particular pressure distribution of the airfoil. Sketch (a) illustrates the pressure distributions for a

SEAL

+-

- - - SEALED GAP
--- UNSEALED GAP

---------..------

---t--------::=-::-:::.- ------
SKETCH (a)

-
-I

TE
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seakd allli unsealed gap on a particular control. (This pressure distribution should not be construed
as hl'iIl!? true for all configurations.) In viewing the change in the pressure distribution, the effect of
the hinge'-Iine location (balanced control) becomes evident when determining the effect of the seal
or gap nil tht' hingc 4 1110ment derivative.

In V\e'W or the difficulty of predicting the effects of seals and gaps, experimental data should be
used whcnever possible. Figures 6.1.3.1-9 and -10 (from Reference 1) show the effects of fixing
tran>ition and sealing the tab gap on a modified NACA 65,-012 airfoil. For these data, the
f1ap-chord-to-wing-chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and the flap gap is
seait'd.

DATCOM METHOD

A. SUBSONIC

The method presented for estimating the hinge moment of trailing-edge controls due to angle of
attack at low speeds is taken from Reference 2. It is based on the theories and data of References 3,
4, and 5, and applies to sealed controls (at the nose) in the linear hinge-moment range only. It is not

valid for horn-balanced controls. The hinge-moment derivative ch is ba>ed on the control chord
squared cr

2 (where the control chord cf is measured from the hinge line aft to the trailing edge).

The method is broken down into a logical sequence of calculations that account for various factors
in the following order:

1. Radius-nose, sealed, plain trailing-edge control for which the thickness condition

q,'TE q," q,TETE
tan-- = tan-- = tan-- =

2 2 2 c

is satisfied.

2. Thickness distribution when

q,'TE q," q,TETE t
tan-- = tan-- = tan--

2 2 2 c

is not satisfied.

3. Various control nose shapes and the effect of nose balance.

4. Effects of Mach number.

The semiempirical method for determining the section hinge-moment derivative ch is as follows:
a
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Step I. Calculate the hinge-moment derivative c'h for a radius-nose, sealed, trailing-edge flap for
the following thickness condition: Q

¢'TE
tan-

2

by

t/>"T E
= tan-- =

2

¢TE
tan-

2 c

where

(per rallian) 6.1.3.I-a

A."

'" TE

C'
h Q

(Ch )
01 theory

(Ch )
Q theory

is the trailing-edge angle defined as the angle between straight lines
passing through points at 90 and 99 percent of the chord on the
upper and lower airfoil surfaces.

is the trailing-edge angle defined as the angle between straight lines
passing through points at 95 and 99 percent of the chord on the
upper and lower airfoil surfaces.

is the trailing-edge angle defined as the angle between tangents to the
upper and lower airfoil surfaces at the trailing edge.

is the ratio of the actual to the theoretical hinge-moment derivative
for a radius-nose, sealed-gap, plain trailing-edge flap, obtained from
Figure 6.1.3.1-lla.

is the theoretical hinge-moment derivative for airfoils having
A.' A."
"'TE "'TE ~E t

tan-- = tan-- = tan-- =-.
2 2 2 c

This parameter is obtained from Figure 6.1.3.1-11 b.

The parameter c, /(c, ) used in reading this chart is obtained
from Figure 4.l.1~2-8a~ theory

Step 2. If the thickness condition in Step I is satisfied, Step 2 may be omitted. However, if the
thickness condition in Step I is not satisfied, correct the hinge-moment derivative c'h of
Step I to account for the particular thickness distribution by Q

[

c J ¢"" , 2
a ( T E t) ( d')ch =ch +2(c,) 1- tan---- perra Ian

Q a a theory (ell ) 2 c
Q theory

6.1.3.1-b
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where

is obtained from Equation 6.1.3.I-a in Step 1.

(c, )
cr theory

is the theoretical section lift-curve slope obtained from
Figure 4.1.1.2-8b as a function of airfoil thickness ratio.

.."
'I' TE

The parameters c, /(c, ) and-- are obtained as noted above in Step I.
Q Q theory 2

For a beveled trailing edge, q,"T E should be taken as equal to the angle of the bevel.

. It is stated in Reference 2 that under the restriction that there is no separated flow, Ch

for a radius-nose control can be determined by using the above equations with ai\
accuracy of ±O.OS per radian.

Step 3. Correct the hinge-moment derivative to account for nose-shape and nose-balance effects
by using the foUowing equation (taken from Reference 5):

where

(per radian) 6.1.3.1-<:

c"
h~

(Ch )
0: balance

is obtained from Step 2, or is equal to c'h~ from Step I if the
thickness correction is not required.

is obtained from Figure 6.1.3.1-12a for noses of various shapes. The
nose shapes corresponding to the curves in Figure 6.1.3.1-1 2a are

shown in Figure 6.1.3.1-12b. The balance ratio used in Figure
6.1.3. H 2a is defined by

Balance ratio =

where

'6.1.3.1-<1

6.1.3.1-4

<;, is the chord of the balance.

Cr is the chord of the control aft of the hinge line.

te is the thickness of the control at the hinge line.



Figure 6.1.3.1-12 a is taken from Reference 6 and is based on a limited amount of
experimental data on sealed controls. Small changes in nose shape, trailing-edge contour,
and air flow may have significant effects on the hinge-moment derivative of balanced
control surfaces.

Step 4. Mach-number effects should be approximated by the use of test data whenever possible.
However, when no test data· are available, the Mach-number effects may be roughly
approximated by using the Prandtl-Glauert correction; Le.,

('1, )
a: low speed

Sample Problem

Given: The flapped airfoil of Reference 7.

NACA 0015 airfoil

Round-nose control

Plain trailing-edge flap

Sealed gap

Low speed

Compute:

",'TE
tan-- = 0.164

2

,,!'
'I' TE

tan-- = 0.169
2

"'TE
·tan - = 0.169

2

Determine the hinge-moment derivative for a radius-nose, sealed, trailing-edge flap

('1, ) = -0.507 per rad (Figure 6. 1.3. I-lib)
. Q theory

C2
Q

----- 0.760 (Figure 4.1.I.2-8a)
(c2 )

a theory

c'h Q

:---:--- = 0.320 (Figure 6. 1.3. 1-11a)
('1, )

Q theory

('1, )
Q theory

(Equation 6. 1.3. I-a)

= (0.320)(-0.507)

= -0: 162 per rad

6.1.3.1- S



Determine if the thickness condition is satisfied; Le.,

.p'T E
tan-

2

,,"
'" TE= tan-- =

2

<PrE t
tan-- =-

2 c

0.164*0.169 = 0.169*0.15

Determine the hinge-moment derivative accounting for the thickness distribution

(co) = "1.04 per rad (Figure 4. I. 1.2-8b)
a theory

[
Co a ] ( .p"TE t)1- tan----

(CO ) 2 c
a theory

(Equation 6.1.;l.l-b)

= -0.162 + 2(7.04)[1 - 0.760)(0.169 - 0.150)

= -0.0978 per rad

Determine the effect of nose shape and nose balance

Balance ratio = (
<;, )2 ( te )2 (Equation 6.1.3.1-<1)
cf 2cf

= J(0.35)2 - (0.1527)2

= 0.315

(Ch )
01 balance

C"h a

= 0.50 (Figure 6.1.3.1-12a)

(~ )
a balance [

(Ch ) 1
_" a: balance

- C h a c" J
h a

= (-0.0978)(0.50)

= -0.0489 per rad

= -0.000853 per deg

(Equation 6.1.3.1-<:)

This compares with a test value of -0.00145 per degree from Reference 7.

6.1.3.1-6



B. TRANSONIC

No method is available for predicting the section hinge-moment derivative ch at transonic speeds.
•

C. SUPERSONIC

The method for determining ch at supersonic speeds is based on the theory of Reference 8. The
theory applies to airfoils with ·sharp leading and trailing edges, where th~ angles of attack and
flap-<leflection angJe~ are small. In addition, the flow field is assumed to be everywhere supersonic
and inviscid.

DATCOMMETHOD

The hinge-moment derivative Ctv at supersonic speeds for a symmetric, straight-sided flap with
crlc < 1/2, regardless of the airfoIl section ahead of the flap, is given by

where C
1

and C2 are thickness correction factors to the supersonic flat-plate derivative.

2
C1 = per radian

JM2-l

is the trailing-edge angle in radians.

'Y is the ratio of specific heats, 'Y = 1.4.

For a symmetric, circular-arc airfoil with crlc < 112, ch is given by
•

(
AChQ) t

c - C+---
h. - - 1 tIc c

where C1 is defined above, and

6.1".3.I-f

tIc
is a thickness correction factor for symmetric, circular-arc airfoils obtained from
Figure 6.1.3.1-13.

The method becomes somewhat complicated for more general airfoil shapes. Other airfoil shapes are
treated in Reference 8.

6.1.3.1-7



Sample Problem

Given: Symmetric, circular-arc airfoil.

tic = 0.06

Compute:

M = 2.0

2 I

JM2 _ I 57.3
= 0.020 per deg

tic

Solution:

= 0.0008 per deg

= C +(L>.Ch.).!.
- I tic c

(Figure 6.1.3.1-13)

(Equation 6.1.3.1-f)

= -0.020 + (0.0008)(0.06)

= -0.01995 per deg
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6.1.3.2 SECTION HINGE·MOMENT DERIVATIVE ch6 OF HIGH·LIFT AND CONTROL DEVICES

For small control deflections, where the flow is attached over the control surface, the variation of
hinge moment with control deflection is linear. At some deflection angle, depending upon the angle
of attack and airfoil and control geometry, the flow separates from the flap surface. The rate of
change of hing~ moment with flap deflection increases beyond this point at an increased rate, as
shown in Sketch (a). This increase can be attributed to the increased loading at the trailing edge on
the leeward side that accompanies separation; Le., the aft movement of the center-of-pressure
location. The approximate deflection angle at which the flow separates from the surface of a plain,
sealed flap on an NACA 0009 airfoil is shown as a function of angle of attack and
flap-chord-to-control-chord ratio in Figure 6.1.3-2.

(-)

TYPICAL CURVE OF HINGE MOMENT
SKETCH (a)

The additional parameters that restrict the linear range are large trailing-edge angles, large
nose-balance ratios, blunt (control) nose shapes, and relatively large airfoil thickness ratios. The
effect of large nose-balance ratios is shown in Sketch (b) (from Reference I).

(+)

10 20

6 (deg)

(-)

HINGE MOMENT WITH VERY
LARGE NOSE BALANCE

SKETCH (b)

6.1.3.2-1



Thr rffect of beveled trailing edges is shown in Sketch (c) (from Reference I). The linear
hinge-moment range is generally smaller than the corresponding linear lift-increment range due to
control deflection.

TRAIUNG-
EDGE BEVEL~

/ -3=========:.:::::>~<3n

HINGE MOMENT WITH BEVELED
TRAILING EDGE

SKETCH (c)

-20 -10

6 (deg)

(+)

(-)

20

BEVELED
<l>rE = 400

<l>rE = 200

Unsealing the gap between the nose of the control surface and the basic airfoil affects the
hinge-moment derivative of both plain and balanced controls. The method presented herein does
not quantitatively account for the effect of unsealing the gap (see Section 6.1.3.1 for a discussion of
the salient aspects). Figures 6.1.3.2-10 and -II (from Reference 2) illustrate the effect of fixing
transition and sealing the tab gap on a modified NACA 65 1-012 airfoil. For these data, the

tlap-chord.to-wing-chord ratio is 0.25, the tab-chord-to-tlap-chord ratio is 0.25, and the flap gap
is sealed.

DATCOM METHOD

A. SUBSONIC

The method presented for estimating the hinge moment due to trailing-edge control deflection at
low speeds is taken from Reference 3 and closely parallels the method presented in Section 6.1.3.1
for predicting the hinge-moment derivative ch . This method is based on the theories and data of•References 4, 5, and 6. The method applies to sealed controls <at the nose) in the linear
hinge-moment range only. It is not valid for horn-balanced controls. The hinge-moment derivative
ch , is based on the control chord squared c/ <where the control chord cf is measured from the
hinge line aft to the trailing edge).

6.1.3.2-2



The method is broken down into a logical sequence of calculations that account for various factors
in the following order:

I. Radius-nose, sealed, plain trailing-edge control for which the condition

",'TE "''' "'TETE t
tan-- = tan-= tan-- =-

2 2 2 c

is satisfied.

2. Thickness distribution when

",'TE "," "'TETE t
tan- = tan-- = tan-- =-

2 2 2 c

is not satisfied.

3. Various control nose shapes and the effect of nose balance.

4. Effects of Mach number.

The semiempirical method for determining the section hinge-moment derivative ch is as follows:
6

Step I. Calculate the hinge-moment derivative c'h for a radius-nose, sealed, trailing-edge flap for
the following thickness condition 6

",'TE
tan-- =

2

by

",,,

'I' TE
tan-- =

2
"'TEtan--
2

t
=-

c

where

6.1.3.2-a

""TE is the trailing-edge angle defined as the angle between straight lines
passing through points at 90 and 99 percent of the chord on the
upper and lower airfoil surfaces..

"'''T E is the trailing-edge angle defined as the angle between straight lines
passing through points at 95 and 99 percent of the chord on the
upper and lower airfoil surfaces.

6.1.3.2-3



(Ch )
6 theory

is the trailing-edge angle defined as the angle between tangents to the
upper and lower airfoil surfaces at the trailing edge.

is the ratio of the actual to the theoretical hinge-moment derivative
for a radius-nose, sealed-gap, plain trailing-edge flap, obtained from
Figure 6.1.3.2-12a.

The parameter cQ /(cQ ) used in reading this chart is obtained
• 01 a: theory

from FIgure 4.1.1.2-8a.

(Ch ) is the theoretical hinge-moment derivative for airfoils having
6 theory A..' A." At.

"'TE "'TE "'TE t
tan-- = tan -- = tan -- =--:

2 2 2 c
This parameter is obtained from Figure 6.1.3.2-12b.

Step 2. If the thickness condition in Step I is satisfied, Step 2 may be omitted. However, if the
thickness condition in Step I is not satisfied, correct the hinge-moment derivative c'h of
Step I to account for the particular thickness distribution by B

where

C"h = C'h + 2(c, ) [ I
6 I) 6 theory

cQB
] ( q,"TE t)tan----

(cQ ) 2 c
6 theory

(per radian)

6.1.3.2-b

(c. )
6 theory

(cQ )

6 theory

. is obtained from Equation 6.1.3.2-a in Step 1.

is the theoretical lift due to flap deflection, obtained from
Figure 6.1.1.l-39a.

is the ratio of the actual to the theoretical lift due to flap deflection,
obtained from Figure 6. 1. 1.l-39b as a function of c. /(cQ )

a a hand cr/c. t eory

q,"
The parameters c. /(cQ ) and tan 2

T
E are obtained as noted in Step I.

a Q theory

For a beveled trailing edge, q,"TE should be taken as equal to the angle of bevel.

It is stated in Reference 3 that under the restriction that there is no separated flow, ChB
for a radius-nose control can be determined from the above equations with an accuracy of
±O.05 per radian.

6.1.3.2-4



Step 3. Correel the hinge-moment derivative to account for nose-shape and nose-balance effects
(taken from Reference 5) by

where

(ch )
/) balance [

(Ch ) ]6 balance
C"h, (per radian) 6.1.3.2-<:

(Ch )
/) balance

is obtained from Equation 6.1.3.2-b, or is equal to c'h in Step 1, if
the thickness correction is not required. 6

is obtained from Figure 6.1.3.2-13 for noses of various shapes. The
nose shapes corresponding to the curves in Figure 6.1.3.2-13 are
shown in Figure 6.1.3.1-12b of Section 6,1.3.1. The balance ratio as
used in Figure 6.1.3.2::r3 is defined by Equation 6.1.3.1-<1 of
Section 6.1.3.1.

Figure 6.1.3.2-13 is taken from Reference 6 and is based on a limited amount of
experimental data on sealed controls. Small changes in nose shape, trailing-edge contour,
and air flow may have significant effects on the hinge-moment derivative of balanced
control surfaces.

Step 4. Mach-number effeels should be approximated by the use of test data whenever possible.
However, when no test data are available, the Mach-number effects may be roughly
approximated by using the Prandtl"(;lauert correction; i.e.,

= 6.1.3.2-e

Sample Problem

Given: The flapped airfoil of Reference 8. This is the same configuration as that of the sample
problem of Paragraph A, Section 6.1.3.1.

NACA 0015 airfoil

Round-nose control

Plain trailing-edge flap cr/c = 0.30

tcl(2cr) = 0.1527

Sealed gap

Low speed

~'TE
tan -- = 0.164

2

R, = 2.76 x 106

..".. TE
tan-

2
- = 0.169

~TE
tan- = 0.169

2

6.1.3.2-5



Compute:

Determine the hinge-moment derivative for a radius-nose, sealed, trailing-edge flap

(Ch ) ; -0.825 per rad (Figure 6.1.3.2-12b)
6 theory

C'.
----; 0.760 (Figure4.1.1.2-8a)
(c, )

cr theory

,
C h.

----; 0.780 (Figure 6.1.3.2-12a)
(Ch. ),beO'y

(Equation 6.1.3.2-a)

; (0.780)(-0.825)

= -0.644 per rad

Determine if the thickness condition is satisfied; Le.,

""TE
tan-

2

"i'
V' TE

; tan-- =
2

"'TE
tan-

2
t

=-
c

0.164*0.169; 0.169*0.15

Determine the hinge-moment derivative accounting for the thickness distribution

(c,. ),beO'y ; 4.60 per rad (Figure 6.1.1.1-39a)

c'.
--"'--- ; 0.605
(c,. )

theory

(Figure 6. 1. 1.1-39b)

c'\. = C'b + 2(c, )
6 6 theory [ ]( "" )CJ!. V' T E t

1- tan----
(c, ) 2 C

6 theory

(Equation 6.1.3.2-b)

6.1.3.2-6

= -0.644 + 2(4.60)[ 1 - 0.605 )(0.169 - 0.150)

= -0.575 per rad



Determine the effect of nose shape all.d nose balance

Balance ratio ~ (
Cb

)2 (~)2 (Equation 6.1.3.1-<1)
~ - 2c

f

~ )(0.35)2 - (0.1527)2

~ 0.315

(Ch )
6 balance

0.42 (Figure 6.1.3.2-13)~

"c h.

[(C
h

) ]
(ch·)b.l.nc.

~ "
6 ~ alance (Equation 6.1.3.2-C)c h.
c h.

~ (-0.575)(0.42)

~ -0.2415 per rad

~ -0.00421 per deg

This compares with a test value of -0.0030 per degree from Reference 8.

B. TRANSONIC

No method is available for predicting the section hinge-moment derivative ch at transonic speeds.•

C. SUPERSONIC

The method for determining ch at supersonic speeds is based on the theory of Reference 7. The
theory applies to airfoils with s~arp leading and trailing edges, where the angles of attack and flap
deflection angles are small. In addition, the flow field is assumed to be everywhere supersonic and
inviscid.

DATCOM METHOD

The hinge-moment derivative ch ~ at supersonic speeds for a symmetric, straight-sided
crlc < 1/2, regardless of the airfoil section ahead of the flap, is given by

where C1 and C2 are thickness correction factors to the supersonic flat-plate derivative.

flap with

6.1.3.2-<1
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per radian

(1 + I)M4 - 4(M2 - I)

2(M2 _ 1)2
per radian

4>T E is the trailing-edge angle in radians.

1 is the ratio of specific heats, 1 = 1.4.

For a symmetric, circular-arc airfoil with crlc < 112, ch is given by. 6

where C1 is defined above, and

6.1.3.2-e

tIc
is a thickness correction factor for symmetric, circular-arc airfoils, obtained from
Figure 6.1.3.1-13.

The method becomes somewhat complicated for more general airfoil shapes. Other airfoil shapes are
treated in Reference 7.

sample Problem

Given: Symmetric, circular-arc airfoil.

tIc =0.06

Compute:

crlc = 0.30 M = 2.0

2 I= = 0.020 per deg
-1M2 _ I 57.3

= 0.0008 per deg (Figure 6.1.3.1-13)

6.1.3.2-8



Solution:

= c + (ACh').!. (Equation 6.1.3.2-e)
- 1 tIc c

= -0.020 + (0.0008)(0.06)

= -0.01995 per deg
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6.1.3.3 SECTION HINGE·MOMENT DERIVATIVE (Chf)S OF CONTROL SURFAct~

DUE TO CONTROL TABS t

A deflected tab on a control surface causes pressure changes on the surfaces of the tab and control.
Because of the large moment arms associated with these incremental pressures, large changes in
control-surface hinge moments result. In addition, these incremental changes in the pressure
distribution can be influenced by a sealed or unsealed surface where the tab meets the control.

DATCOM METHOD

The following method is taken from Reference I and is based on the two-<limensional NACA 0009
airfoil test data for round-nose, unbalanced controls with sealed flap and tab gaps. This method is
limited to the low-speed linear hinge-moment range and should be restricted to tab deflections of
approximately ±180 and the combinations of control deflection and angle of attack as indicated in
Figure 6.1.3-2.

The change in the low-speed section hinge-moment coefficient of a control due to tab deflection,
measured at constant values of angle of attack and flap deflection, can be expressed as

6.1.3.3-a

where

is the change in control section hinge-moment coefficient due to tab deflection,
measured at constant values of lift and flap deflection. This value is obtained
from Figure 6.1.3 .3-4a.

is the change in control section hinge-moment coefficient due to lift variation,
measured at constant values of tab and flap deflection. This value is obtained
from Figure 6.1.3.3-4b (modified from Reference I to reflect the characteris-
tics of a flat-sided flap contour - like a conventional elevator).

is the section lift-curve slope of the primary panel (wing, horizontal tail, etc.) at
constant values of tab and flap deflection. This value can be obtained from
Section 4.1.1.2.

is the rate of change of angle of attack due to a change in tab deflection in the
linear range at constant values of lift and flap deflection. This value can be
obtained from Figure 6.1.3.3-5.
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The above method does not quantitatively account for the effect of unsealing the tab gap. In view
of the difficulty of predicting the effects of seals and gaps, experimental data should be used
whenever possible. Figure 6.1.3'.3-6a (from Reference 2) shows the effects of fixing transition and
sealing the tab gap on a modified NACA 65 t ..()12 airfoil. For these data, the flap-chord-to-wing
chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and the flap gap is sealed.

The effects of tab nose shape are also not accounted for in the above method, and experimental
data should be used whenever possible. However, the effect of tab nose shape as a function of nose
balance is presented in Figure 6.1.3.3-6b (from Reference 2) for a NACA 65 t ..() 12 airfoil with a tab
gap of 0.004c and transition strips at 0.0 I c.

Other parameters not accounted for in this method include the effects of airfoil thickness and
trailing-edge angle. Unfortunately, not enough data are available to evaluate the effects of either of
these variables on the section hinge-moment derivative. Additional test data, including the effects of
these variables on a limited number of flapped configurations, are presented in References 3
through 9.

Sample Problem

Given: The flap and tab configuration of Reference 2.

NACA 65 t ..() 12 airfoil

cr/c = 0.25

Plain trailing-edge flap (sealed)

Round-nose flap

Plain trailing-edge tab (sealed) Round-nose tab

Low speed

Compute:

R, = 4.59 x 106

(
achr )

= -0.0124 per deg (Figure 6.1.3.3-4a)a5,
c 2 • .5 f

(
aChr) = -0.046 (Figure 6.1.3.3-4b)ac,

6 t' 6 f

( iJa) = -0.255 (Figure 6.1.3.3-5)a5,
Cit:. Ii f

c'. = 0.11 per deg (Table 4.I.1-B)
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Solution:

(
achr) =

a6t
0:. fj f

CaC:,r) Ca~ ), " (~)
0t,Sf t f Cp ,6 f

(Eq uation 6,1.3 .3-a)

= -0.0124 - (-0,046)(0.11)(-0.255)

= -0,0124 - 0,0013

= -0.0137 per deg

This .compares with test values of -0,0115 per degree with transition strips and -0.0138 per degree
without transition strips, from Reference 2,

REFERENCES

1. Ames, M. B.• Jr.• and Sears, R. I.: Determination of Control-Surface Characteristics from NACA Plain Flap and Tab Data.
NACA TR 721, 1941. lUI
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5. Sears, R. I•• and Hoggard, H. P•• Jr.: Wind-Tunnel Investigation of Control-Surface Characteristics. VII - A Medium
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1942, lUI
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8. Wright, K. C.: Measurements of Two-Oimensional D£rivatives on a Wing-Aileron-Tab System with a 1541 Section AerofoiJ.
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6.1.3.4 SECTION HINGE·MOMENT DERIVATIVE (ch) OF CONTROL
t Ii

TAB DUE TO CONTROL SURFACE f

A deflected flap or control surface causes pressure changes on the surfaces of the tab and control.
These pressure changes on the tab generally result in a change in the tab hinge moment.

DATCOM METHOD

The following method is taken from Reference I and is based on the two-dimensional NACA 0009
airfoil test data for round-nose, unbalanced controls, with sealed flap and tab gaps. This method is
limited to the low-speed linear hinge-moment range and should be restricted to flap deflections of
approximately ±18° and the combinations of control deflection and angle of attack as indicated in
Figure 6.1.3-2.

The change in the low-speed tab section hinge-moment coefficient due to flap deflection, measured
at constant values of angle of attack and tab deflection, can be expressed as

6.1.3.4-a

where

Co:)
I) f' I) t

is the change in tab section hinge-moment coefficient due to control deflection,
measured at constant values of lift and tab deflection. This value is obtained
from Figure 6.1.3.44a.

is the change in tab section hinge-moment coefficient with respect to lift
coefficient, measured at constant values of flap and tab deflections. This value
is obtained from Figure 6.1.3.4·4b.

is the section lift-curve slope of the primary panel (wing, horizontal tail, etc.) at
constant values of tab and flap deflection. This value can be obtained from
Section 4.1.1.2.

is the rate of change of angle of attack due to a change in flap deflection in the
linear range at constant values of lift and tab deflection. This value can be
obtained from Figure 6.1.3.4-5.
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The above method does not quantitatively account for the effect of unsealing the tab gap. In view
of the difficulty of predicting the effects of seals and gaps, experimental data should be used
whenever possible. Figure 6.1.3.4·6a (from Reference 2) shows the effects of fixing transition and
sealing the tab gap on a modified NACA 65 1-012 airfoil. For these data, the flap-chord-to-wing
chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and flap gap is sealed.

The effects of tab nose shape are not accounted for in the above method and experimental data
should be used whenever possible. However, the effect of tab nose shape as a function of nose
balance is presented in Figure 6.1.3.4-6b (from Reference 2) for a NACA 65 1-012 airfoil with a tab
gap of 0.004c and transition strips at O.Olc.

Other parameters not accounted for in the above method include the effects of airfoil thickness and
trailing-edge angle. Unfortunately, not enough test data are available to evaluate the effects of either
of these variables on the section hinge-moment derivative. Additional test data, including the effects
of these variables on a limited number of flapped configurations, are presented in References 3
through 9 of Section 6.1.3.3.

Sample Problem

Given: The flap and tab configuration of Reference 2.

NACA 65 1-0 12 airfoil

cr/c = 0.25

ct/cr = 0.25

Compute:

Round-nose flap

Round-nose tab

Plain trailing-edge flap (sealed)

Plain trailing-edge tab (sealed)

Low speed

(
ach t )

= -0.00188 per deg (Figure 6.1.3,4-4a)
a6r

CQ• 6 t

(
aCh t )

= -0.011 (Figure 6.1.3 .4-4b)ac,
6 f' 6 t

( aa ) = -0.569 (Figure 6.1.3.4-5)
a6r

CQ• 6 t

C'B = 0.11 per deg (Table 4.I.1-B)

6.1.3.4-2



Solution:

C:hf} •• , ~ (:c:;)c,.. , C:::)'f'" C~)'f'., (a~)c, .. ,
(Equation 6.1.3.4-3)

-0.00188 ~ (-0.011)(0.11)(-0.569)

~ -0.00188 - 0.00069

~ ~0.00257 per deg

This compares with test values of -0.0012 per degree with transition strips and ~0.0026 per degree
without transition strips, from Reference 2.

REFERENCES

1. Ames, M. B., Jr., and Sears, R. I.: Determination of Control-Surface Characteristics from NACA Plain Flap and Tab Data.
NACA TR 721, 1941. (U)

2. Brewer, J. D .. and Queijo, M. J.: Wind-Tunnel Investigation of the Effect of Tab Balance on Tab and Control-Surface
Characteristics. NACA TN 1403. 1947. (Ul
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6.1.4 WING LIFT WITH HIGH-LIFT AND CONTROL DEVICES

6.1.4.1 CONTROL DERIVATIVE Ct , OF HIGH-LIFT AND CONTROL DEVICES

A. SUBSONIC

Mechanical Flaps

The method used to estimate lift due to flap deflection at subsonic speeds is designed to make
maximum use of experimental airfoil section data when such data are available. This approach is
taken from Reference I, wherein various existing methods have been combined to obtain a simple
procedure with general application.

Jet Flaps

Two methods are presented for estimating the jet-flap lift increment at small angles of attack (see
Section 6.1. I. I for a sketch of the various jet-flap type; and a discussion of the salient aspects).
More accurate and sophisticated lift methods than those presented here have been developed for
analyzing jet-flap configurations (such as the method presented in Reference 2). However, the more
sophisticated methods are not amenable to a handbook solution; i.e., they require the use of a
computer. Other modifications and approaches to the jet-flap problem are presented and discussed
in detail in Reference 3.

The first method (taken from Reference 4) evaluates the lift increment due to both flap deflection
and power effects for an internally-blown-flap (IBF) configuration. This method is based on the
theoretical two-dimensional jet-flap lift increment modified by Maskell's theoretical correction

factor for finite-aspect-ratio effects and a crude part-span factor to account for partial-span flaps.
This method has not been substantiated because of the lack of published three-dimensional IBF
data. However, the method has yielded results within ten percent of test data for those cases that
have been evaluated (References 4 and 5).

The second method (taken from Reference 6) is used to evaluate the lift increment due only to
power effects for an externally-blown-flap (EBF) configuration. This method is based on Spence's
two-dimensional jet-flap lift increment, modified by Hartunian's theoretical correction factor for
finite-aspect-ratio effects and the ratio of flapped wing area to reference wing area to account for
partial-span effects. Substantiation of this method has not been presented here; however, a
substantiation of the method does appear in Reference 6 with an indicated average error of about
10 percent.

The nondimensional trailing-edge jet momentum coefficient for three-dimensional jet-flap configu
rations is denoted by CI . The relationship to the two-dimensional jet momentum coefficient C
(see Section 6.1.1.1 for definition) can be expressed as •

I [12
CI = - J dy

qS
-b/2

1 jb
/
2

= - cC. dy
S 6.1.4.1-1-b/2



where

J is the jet momentum at the trailing edge.

dy is the spanwise wing increment.

q is the free-stream dynamic pressure.

S is the reference wing area.

b is the wing span.

c is the wing chord.

DATCOM METHODS

I. Mechanical Leading· and Trailing-Edge Devices

The lift increment developed by deflection of a control surface is given by

6.1.4.I-a

where

is the section lift increment due to control deflection. Test data on the particular
flapped airfoil are preferred, but the increment can be estimated by the applicable
method of Section 6.1.1.1.

is the lift·curve slope of the wing with the flap retracted, based on the wing reference
area, obtained from the appropriate wing method of Paragraph A of Section 4.1.3.2.

is the section lift-curve slope of the basic airfoil, including the effects of
compressibility, obtained from Section 4.1.1.2.

is the ratio of the three-dimensional flap-effectiveness parameter to the two
dimensional flap-effectiveness parameter, obtained from Figure 6.1.4.1-14 as a
function of wing aspect ratio and the theoretical value of (a_) . The theoretical
value of (a. )e, is obtained from the inset chart of Figure 6.1.4.I~f4.

When experimental values of the section lift increment .:lc, are used in Equa
tion 6.1.4.1-a, the value of (a.) used to obtain (a.)c /(a.) from F;o.

ell: L ell ~

ure 6.1.4.1-14 should be calculated usmg

6.1.4.1-2



with one exception; i.e., for area-suction- and blowing-type flaps, use the inset chart
of Figure 6.1 .4.1-14.

K" is the flap-span factor obtained from Figure 6.1.4.1-15 as illustrated in Sketch (aJ
control span ordinate

(Note: 1/ is the span station, 1/ = b/2 .)

1.011
0+----'-----'----,

o

1.0

f-------»------i2

SKETCH (a)

It should be noted that the control deflection angles and all dimensions are measured in planes
paraliel or perpendicular to the plane of symmetry.

This method is restricted to the limitations of the methods used to evaluate the section lift
increments from Section 6.1.1.1.

Equation 6.1.4.I-a is applicable to leading-edge flaps and slats, and plain, split, and slotted
trailing-edge flaps. The lift increment due to combinations of leading-edge and trailing-edge devices
may be estimated by applying Equation 6.1.4.I-a to each device separately and adding the
individual increments.

For the case of arbitrary spanwise distribution of control chord (constant-chord controls on tapered
wings or tapered controls on untapered wings), the control can be divided into spanwise steps and
the lift increment found by the summation of aCL values due to each spanwise step based on the
average values of ac, and (a. le, over that spanwise step.

Low-speed values of aCL at a = 0, calculated using the Datcom method, are compared with test
values in Figures 6.1.4.1-16a, -16 b, and -16 c for wing-control combinations employing plain, split,
and slotted traiJing-edge controls, respectively. Ali parameters used in the calculations were
estimated by using methods from the appropriate sections of the Datcom. The values
of (a. l used in the calculations were obtained from the inset of Figure 6.1.4.1-14. The ranges of
Reynold: numbers and geometric parameters of the test configurations are noted on the correlation
charts.

6.1.4.1-3



Jet-Flap IBF Configuration

The lift increment due to flap deflection and power effects for an IBF configuration is given by

where

[

2C' ]A +__J

At + 2 + 0.60~(c;)7/2 + 0.876 C;
6.1.4.I-b

t.c, is the section lift increment due to flap deflection and power effects. Test data on
the particular flapped airfoil are preferred .. but the increment can be estimated by
the jet-flap method of Section 6.1.1.1. (When using Section 6.1.1.1 the value
of C; is substituted for the value of C~.)

At is the aspect ratio of the wing based on the total wing area S" including any increase
in wing area due to flap extension.

C; is the three-dimensional trailing-edge jet momentum coefficient, based on the
blown-flap affected wing area SWf' i.e.,

Sw
C' = C -

J J SWf

is the ratio of the blown-flap affected wing area (schematically illustrated in
Section 2.2.2) to the wing reference area. The blown-flap affected area includes any
increase in wing area due to flap extension.

As indicated above, this method .has not been thoroughly substantiated and therefore should be
applied with caution.

It should be noted that the total lift coefficient for an IBF configuration can be found by adding
the lift increment from Equation 6.1.4.I-b to the flaps-retracted power-off lift coefficient, obtained
from test data or the appropriate methods of Section 4.

3. Jet-Flap EBF Configuration

The effective jet deflection angle lii.ff and the trailing-edge momentum coefficient CJ are not
specifically defined for EBF configurations.. This is due to the jet sheet being somewhat diffuse
rather than infinitesimally thin as assumed in jet-flap theory. For this reason it becomes necessary
to obtain the effective jet angle from static force tests, or to relate the jet angle to the trailing-edge
flap geometry. From correlation of test data (indicated in Reference 6), the best results are
obtained when the engine exhaust jet momentum is used directly to define the trailing-edge
momentum coefficient. Any losses in thrust must therefore be considered in the determination of
drag.

6.1.4.1-4



The lift increment due to power effects for an EBF configuration is given by

[
"At + 2C; ] I\ff

AC = 4"d --
L 0 "At + c,~ + 2.01 C; 57.3

where

6.IA.I-e

is the theoretical effect of blowing on the lift derivative. This parameter is obtained
from Figure 6.1.4.1-18 as a function of the flap chord ratio cr/c' and trailing-edge
jet momentum coefficient Cj. (See Figure 6.1.4.1-1 S\l for a schematic definition
of cr/c'.)

is the aspect ratio of the wing based on the total wing area St, including any increase
in wing area due to flap extension.

C'J

c,
a

is the three-dimensional trailing-edge jet momentum coefficient, based on the blown
flap-affected wing area Sw f ' i.e., C; = CJ Sw /Sw f'

is the two-dimensional jet-flap lift-curve slope uncorrected for thickness effects. This
term is obtained from Figure 6.1.1.1-49, using the trailing-edge jet momentum
coefficient Cj in place of C~.

is the effective jet deflection angle with respect to the airfoil chord, in degrees. If
possible, this value should be obtained from static force tests. When test data are not
available, the effective flap deflection angle may be approximated by using

6.1.4.I-d

where the values for 6u and 6, are shown schematically in Figure 6.1.4.1-19b.

IS the ratio of the flap-affected wing area (schematically illustrated in Section 2.2.2)
to the wing reference area. The flap-affected area includes any increase in wing area
due to flap extension.

It should be noted that the total lift coefficient for an EBF configuration can be found by adding
the lift increment from Equation 6.1.4.I-c, the power-off mechanical-flap lift increment from
Equation 6.1.4. I-a, and the flap-retracted power-off lift coefficient, obtained from test data or the
appropriate methods of Section 4.

Sample Problems

1. Mechanical Flaps

Given: The sweptback wing of Reference 7.

A = 3.78 A = 0.586

6.1.4.1-5



NACA 65A006 airfoil Plain trailing-edge nap cf/c = 0.224

bf/b = 0.469 '1; = 0.141 '1
0

= 0.610 5f = 22.1 0 (streamwise)

Low speed; il = 1.0 R, = 6.1 x 106

tan(¢~ E 12) = 0.0717 (streamwise airfoil section geometry)

Compute:

c, and D.c, (Sections 4.1.1.2 and 6.1.1.1)
•

c..---''--- = 0.887 (Figure 4.I.I.2-8a)
(c, )

Cl theory

(c, )
Cl theory

= 6.58 per rad (Figure 4.1.1.2-8b)

c'. = 1./305 [(c. ~. ] (c'.)lh.ory (Equation 4.1.1.2-a)
0: theory

= (1.05)(0.887)(6.58) = 6.13 per rad

(c, )
6 theory

= 3.77 perrad (Figure 6.1.1.1-390)

c"
-~=---- = 0.817 (Figure6.1.1.1-39b)
(c..) .

theory

K' = 0.780 (Figure 6.1.1.1-40)

D.c, = 5f [(Co ~,. ] (c")lh.ory K' (Equation 6. 1. 1.1-c)
6 theory

= (22.1 )(0.817)(3.77)(0.780)
57.3

= 0.927

Wing lift-curve slope (Section 4.1.3.2)

6.1.4.1-6

6.13
=-- =

2lf
0.976



A ( ) 1/2-; 112 + tan2Ac / 2
3.78 1/2

= 0.976 (1.0 + (1.0162)2] = 5.52

--=
A

0.798 per rad (Figure 4.1.3.2-49)

CL • = 3.016 per rad

(ad
c

, = ~0.576 (Inset, Figure 6.1.4.1-14)

= 1.083 (Figure 6.1.4.1-14)

= 0.190 I
(Kb ) = 0.740"0

(Figure 6.1.4.1-15)

Solution:

3.016= (0.927) -- (1.083)(0.550)
6.13

= 0.272

This compares with a test value of 0.255 from Reference 7.

2. Jet-Flap IBF Configuration

Given: The IBF configuration of Reference 5.

At = 6.0

NACA 4424 airfoil Sf = 300

cf c·
-= 0.11 - = 1.0
c c

CJ 2.80
t

= - = 0.24
c

A = 6.0

SWf
- = 0.783
Sw

= 1.0

6.1.4.1-7



Com pule:

c'J C
J Sw f

I
(2.80) -

0.783

= 3.576

k, = 0.80 (average airfoil)

= 10.0 per rad }

= 8.9 per rad
Figure 6. L 1.1-49

/lc, = {II + k, C, )}r (c" f - C~) + C~ Of

+ [I + kl C)J OJ (c" j - C~) + C~ OJ} ~

30 30
= [I + (0.80)(0.24)] - (10.0 - 3.576) + 3.576 -

57.3 57.3

22 22
+ [I + (0.80)(0.24)J -(8.9 - 3.576)+3.576 --

57.3 57.3

= 4.01 + 1.87 + 2.44 + 1.37

= 9.69

Solution:

[ 20; JA +- S
I 1T Wr

/lC L
= /lc --

, Al + 2 + 0.604 (C;)1/2 + 0.876 C; Sw

[

6.0 + _2(;....3._:_76...;..) J
= 9.69 0.783

6.0 + 2.0 + 0.604 (3.576)1/2 + 0.876 (3.576)

= 5.12 (lift increment due to flap deflection and power effects)

This compares with a test value of 5.03 from Reference 5.

6.1.4.1-8

(Equation 6. L l.1-k)

(Equation 6. 1.4. I-b)



3. Jet-Flap EBF ConfIguration

Given: The EBF configuration of Reference 8.

cf c'
0.12- = 0.556 = 1.336 (without leading-edge extension) - '"

c c c

Sw = 8.43 ft 2 SWf = 9.58 ft 2 St = 10.84 ft2

A = 7.23 At = 5.62 CJ = 1.74

6u = 61 0 6, = 500

Compute:

C' = C (~)
J J Sw f

(
8.43)= 1.74 - =
9.58

1.53

1
6;eff = "2(6u + 6,) (Equation 6.1.4.I-d)

1
= "2(61 + 50)

= 55.50

:: = eX:.)
0.556

=-- = 0.416
1.336

02. = 9.66 per rad (Figure 6.1.1.1-49)

4ITdo = 3.48 (Figure 6.1.4.1-18)

Solution:

[
ITA + 2C' ](6iefV(SW )t J f

= 4ITd -- -
o ITA, + c,: + 2.01 C; 57.3 Sw

(Equation 6.1.4. I-c)

= 348 [ IT(5.62) + (2)(1.53) ] (55.5) (9.58)
. IT(5.62) + 9.66 + (2.01)(1.53) 57.3 8.43

= 2.61 (lift increment due to power effects only)
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This compares with a test value of 2.45 from Reference 8.

B. TRANSONIC

No accurate method is available for predicting the control derivative CL. at transonic speeds.
Mixed flow conditions and interrelated shockwave and boundary-layer-separation effects cause
extreme nonlinearities in this parameter in the transonic regime. The method presented herein is
based on the observation that experimental data indicate that CL• follows the same trend as the
Iift-eurve slope through the transonic regime.

DATCOM METHOD

A frrst-order approximation to the control derivative CL. at transonic speeds for mechanical
trailing-edge flaps is given by

6.1.4.1-e

where

CLs M-O.6 is the lift effectiveness, calculated by the method of Paragraph A of this section,
at M = 0.6, i.e.,

is the ratio of the rolling-effectiveness parameter at the Mach number in question to
that at M = 0.6, obtained by the method of Paragraph B of Section 6.2.1.1.

C. SUPERSONIC

At supersonic speeds, the lift effectiveness of plain trailing-edge controls is predicted by the
theoretical method presented in Reference 9. The restrictions used in the derivation of the method
are as follows:

I. Leading and trailing edges of the control surface are swept ahead of the Mach lines from
the deflected controls.

2. Control root and tip chords are parallel to the plane of symmetry.

3. Controls are located either at the wing tip or far enough inboard so that the outermost
Mach lines from the deflected controls do not cross the wing tip.

4. Innermost Mach lines from the deflected controls do not cross the wing root chord.

5. Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips.

6.1.4.1-10



6. Controls are not influenced by the tip conical flow from the opposite wing panel or by
the interaction of the wing-root Mach cone with the wing tip.

DATCOM METHOD

The trailing-edge flap effectiveness CL, at supersonic speeds for a symmetric, straight-sided flap is
given by

= (I _.2<p )C TE
1

6.1.4.I-f

where (I -~: <PTE) is a thickness correction factor to the supersonic flat-plate derivative.

2
= (per radian)

-VM2 -1
(1 + I)M4 - 4(M2 - I) .

= (per radian)
2(M2 _ 1)2

is the trailing-edge angle in radians, measured normal to the contro I hinge line.

is the ratio of specific heats, 1 = 1.4.

is the lift effectiveness of one symmetric, straight-sided flap, based on the area of the
flap. This parameter is obtained from Figures 6.1.4.1-20a through 6.1.4.1-20j for
flaps located at the wing tip and from Figure 6.1.4.1-25 for flaps located inboard
from the wing tip.

is the ratio of the total flap area (both sides of wing) to the total wing area.

It should be noted that control deflection angles are measured streamwise.

Not enough supersonic test data are available to allow substantiation of this method.

Sample Problem

Given: A wing-flap configuration with the following characteristics:

Sw = 46.5 sq ft

A
W

= 0.55

Cw = 4.0 ft

A = 420
LE

bw = 12.0 ft

6.1.4.1-11



Symmetric, straight-sided inboard flap

Sf = 4.71 sq ft bf = 6.5 ft Af = 0.715

Additional Characteristics:

M = 1.90; (3 = 1.62

Compute:

2
C1 = ;=== = 1.235 per rad

-VM2 -1

(1 + I)M4 - 4(M2 - I)

2(M2 _ 1)2
per rad

(2.4)(1.90)4 - 4 [(1.90)2 - 11
=-'--.:...;.--'----"-'--'--~

2[(1.9W - 11 2

20.84=-- = 1.53 per rad
13.62

0.5250= = 0.324
1.62

(3CLs = 0.074 per deg (Figure 6.1.4.1-25)

CLs = 0.0457 per deg

Solution:

~
C2 ) Sf

1--~ CL -
C TE • S1 W

(Equation 6.1.4.1-0

= [1 - (/;~~) C~·.~)J (0.0457)

= 0.00433 per deg

4.71

46.5
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SUBSONIC SPEEDS
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(a) PLAIN FLAPS

.8

1.0

0.6 " R£ x 106 " 15.0

2.0 "A " 6.0
o "A " 1.0
o "Ae/2 " 45.5°
0.30" br/b " 1.0
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(b) SPLIT FLAPS
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FIGURE 6.1.4.1-16 CORRELATION OF CALCULATED AND EXPERIMENTAL DATA FOR THE
INCREMENTAL LIFT DEVELOPED BY DEFLECTION OF CONTROLS AT
SUBSONIC SPEEDS
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(c) SLOTTED FLAPS

SINGLE SLOTTED

4.0 ~ RQ x 106 ~ 14.6
2.0 ~ A ~ 9.02
0 ~ A :s 0.40

_2.72° ~ Ac/ 2 :s 56.3°
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DOUBLE SLOTTED

RQ = 4.4 x 106

A = 9.02
A = 0.40
Ac/2 = -2.72°

bf/b = 0.60
c'/c = 1.144
[j = 50°

/
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FIGURE 6.1.4.1-16 (CONTD)
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SUPERSONIC SPEEDS
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Revised Jal\uary 1974

6.1.4.2 WING LIFT CURVE SLOPE WITH HIGH·LIFT AND CONTROL DEVICES

According to linear wing theory, camber, such as that due to flaps, does not affect the lift-curve
slope. Linear theory also predicts that, for translating types of leading- or trailing-edge flaps, the
lift-curve slope will increase as a result of the additional wing area. Recently, linear theory has also
been applied to wings with blown flaps and shows an increase in lift-curve slope with increasing
trailing-edge jet momentum. Within the limitation that the flow does not separate from the surface
of the wing or flap, experimental data verify these predictions.

The effects of these devices on the two-dimensional airfoil section lift-curve slope are discussed in
Section 6.1.1.2. The discussion and methods of that section are directly applicable to the
three-dimensional wing.

DATCOM METHODS

I. Leading- and Trailing-Edge Mechanical Flaps

For wings with nontranslating leading- and trailing-edge flaps, the iift-curve slope of the flap
deflected wing is assumed to be the same as that of the flap-retracted wing, as given in Section
4.1.3.2. This assumption is valid for the linear-lift range of angles of attack and flap deflection.

For wings with translating leading- and trailing-edge flaps, a correction is made to the flaps-up
lift-curve slope by means of the equation

6.1.4.2-a

where

is the lift-curve slope of the flap-deflected wing, based on the area of the
flap-retracted wing.

(eL l is the lift-curve slope of the flap-retracted wing from test data or Section 4.1.3.2.
a 6-0

is the ratio of the flap-affected wing area to the wing reference area. The area Sw
is_chematically illustrated in Section 2.2.2, and does not include any increase i~
w;;, g due to flap extensions.

c'

c is the ratio of the extended wing chord to the chord of the flap-retracted wing. In
measuring c' of a single-slotted trailing-edge flap or a leading-edge slat, the flap or
slat is rotated from its deflected position about the point of intersection of the flap
or slat chord with the. wing chord until the two coincide. In measuring c' of a
double-slotted flap, the aft flap is first rotated from its deflected position about the
point of intersection of the aft-flap chord and the chord of the forward flap until
the two chords coincide; then both flaps are rotated from the deflection of the

6.1.4.2-1



forward flap about the point of intersection of the forward-flap chord with the wing
chord until these two coincide. (See Figures 6.1.1.1-44 through -46, and -51.)

For the case of arbitrary spanwise distribution of flap chord (constant-chord flaps on tapered wings
or tapered flaps on untapered wings), the flap can be divided into spanwise steps and the correction
factor to be applied to the flaps-up lift-curve slope found by the summation of the correction
factors due to each spanwise step based on the average value of c'lc and SWf ISw over that
spanwise step.

Jet Flaps

The method presented herein for estimating the lift-curve slope of a wing with a blown flap is a
modification of the method presented in Reference I. Similar methods appear in References 2
and 3. The assumptions made in the development of the method are as follows; inviscid flow,
elliptical loading, high-aspect-ratio configuration, full-span trailing-edge flaps, and constant spanwise
sectional momentum coefficient. Despite these limitations, the theory has been successfully adapted
to handle configurations outside the range of these assumptions. Specifically, this method is strictly
valid only for the pure jet-flap and the internally-blown-flap (IBF) systems; however, it has been
applied with good success to wings with externally-blown flaps (EBF).

This method uses an aspect-ratio correction factor based on Hartunian's work (Reference 4).
Mathematically. the aspect-ratio correction factor allows the method to be applied to wings of any
aspect ratio. However, the validity of the method for aspect ratios less than five is unknown. The
fact that the data presented in Figure 6.1.4.2- 9 allow the method to be applied to low-aspect-ratio
configurations must not be construed to mean that the Datcom recommends such use.

The corrections of the method for part-span blowing and large trailing-edge flap deflections are not
inherent in Hartunian's aspect-ratio correction factor.

An implicit assumption of this method is that the flow on the unblown wing is attached.
Unfortunately, the blown-flap systems now being tested do not always exhibit attached flow for an
unblown condition. However, such designs are acceptable, since blowing provides a type of
automatic boundary-layer control that causes the flow to reattach. But it does prohibit the use of

el\Perimental data to determine the lift-curve slope of the unblown flap-deflected wing where
separation is a possibility.

The lift-curve slope (near zero angle of attack) of a wing with a trailing-edge jet flap, based on the
flap-retracted wing area, is given by

where

CJ (cos SiCff - I)

57.3
6.1.4.2-b

is the lift-curve slope of the unblown flap-deflected wing, with attached flow. This
parameter can be obtained from experimental data if no separation exists, or from
the mechanical-flap method of this section.

K(AtC;) is the jet momentum aspect-ratio correction factor obtained from Figure 6.1.4.2-9
as a function of At and C;, where

6.1.4.2-2



Ii.
Jerr

At is the aspect ratio of the wing based on the total wing area SI' including any
increase in wing area due to flap extension.

C; is the three-d imensional trailing-edge jet momentum coefficient based on the
blown-flap affected area SWr; i.e.,

where

is (he ratio of the blown-flap affected area (schematically
illustrated in Sketch (a» to the wing reference area. The
blown-flap affected area includes any increase in wing area due
to flap extensions.

SKETCH (a)

is the flap-span factor from Figure b. 1.4. I-I 5,using the A = I curve, as illustrated in
Sketch (a) of Section 6.1.4.1.

is the trailing-edge jet momentum coefficient based on the flap-retracted wing area.

is the effective jet deflection angle with respect to the airfoil chord. in degrees. If
possible, this value should be obtained from static force tests. When test data are not
available for an externally-blown-flap (EBF) configuration, the effective nap
deflection angle may be approximated by using Equation 6.1.4.1-d, i.e.,

where the values for li u and Ii, are shown. schematically in Figure 6.1.4.1-19b.

A data summary and substantiation of this method are presented in Table 6.1.4.2-A.
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Sample Problems

I. Leading-edge slat

Given: The wing of Reference 5 with a 50-percent-span leading-edge slat.

A = 6.0 Ac/2 = 32.80

Low speed; /l = 1.0

Compute:

x = 0.50 c'lc = 1.10

K = 1.0 (assumed)

SWrlSw = 0.429

(6.0) [1.0 + (0.6445)21
1
/
2

= 7.14

= 0.67 per rad (Figure 4.1.3.2-49)

(C) = 4.02 per rad =t. '=0 0.0702 per deg

Solution:

(Ct.). = [( c~ _ I) ::r] (Ct.).=o + (Ct,).=o (Equation 6.1.4.2-a)

= [(1.10 - 1.0)(0.420)] 0.0702 + 0.0702

= 0.0732 per deg (based on Sw)

This compares with a test value of 0.0720 per degree from Reference 5.

2. Jet Flap

Given: The sweptback wing-body configuration of Reference 6 with a trailing-edge double-slotted
EBF system.

~Tf"NtWMENT

, NU__M_

B

t-

ER

__ 6 ---I

Note: All leading-edge and

trailing-edge devices are shown

rotated into the wing plane.

~- ..... --- --
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Wing Characteristics:

A = 7.75

x = 0.336

c = 13.22 in.

c, = 19.49 in.

Yo = 19.33 in.

b = 95.08 in.

c, = 6.54 in.

To facilitate calculations, the wing has been divided into segments as shown in the
preceding sketch. The divisions are made at the sweep discontinuity and at the
discontinuities in leading- and trailing~dge flaps.

S(ft2 ) St(ft2 )

Sections (flaps retracted) c'lc (flaps extended)

I 1.253 1.000 1.253

2 0.909 1.421 1.311

3 1.650 1.253 2.069

4 0.617 1.521 0.933

5 2.076 1.521 3.178

6 1.365 1.268 1.847

Value for the
7.870 10.59 ft2

entire wing

Flap Characteristics:

Double-slotted trailing~dge flap:

Aft segment: . crlc = 0.24

Forward segment:

17j = 0.102

Krueger leading~dge flap:

Inboard segment:

Outboard segment:

crlc = 0.22

n = 0.720-'0

crlc = 0.168

crlc = 0.268

SrI = 300

Sr2 = 300

Sjeff = 600

6.1.4.2-5



Additional Characteristics:

R, ; 0.35 X 106

Low speed; (J = 1.0

Compute:

v ; 50 ftlsec

" = 1.0 (assumed)

CJ = 3.18

lI.e/2 = 21.1 0 (average value)

Determine the unblown lift-curve slope for both leading- and trailing-edge flap extension.

A [ 1/2 7.75 1/2
- (J2 + tan211.] ; -- [1.0 + (0.3859)2] = 8.307
" e/2 1.0

= 0.602 per rad (Figure 4.1.3.2-49)

(CLa ),00 = 4.666 per rad = 0.0814 per deg

Since the wing has been divided into 6 segments, Equation 6.1.4.2-a should be written as

6

(CLa ), = 1: [(~ -I) S:;J (CLa),=O + (CLa),=o (Equation 6.1.4.2-a)

n=1

~
0 0.909 1.650 0.617= (1.0-1.0) - +(1.421-1.0)--+(1.253-1.0)--+(1.521-1.0)--

7.87 7.87 7.87 7.87

2.076 1.365]
+ (1.521-1.0)-- + (1.278-1.0) -- 0.0814 + 0.0814

7.87 7.87

; (0.3264)(0.0814) + 0.0814

= 0.108

Determine the blown lift-curve slope for both leading- and trailing-edge flap extension.

(95.08)2
A = 5.928

t (144)(10.59)

The value of Sw r is found by adding the flap-extended wing area for segments 2 through
5; i.e., Sw r =7.491 ft2.

Sw
C' =C-

J J SWr

7.87
= 3.18 7.491

= 3.34

6.1.4.2-6



(Figure 6.1.4.2-9)

= 0.13 } (Figure 6.1.4.1-15)

K
b

= 0.82 - 0.13 = 0.69

Solution:

(Equation 6.1.4.2-b)

}
3.18(0.50 - I)

= (0.108) {[1.795 - 1](0.69) + I + 7
5 .3

= 0.167 - 0.0277

= 0.139 per deg

This compares with a test value of 0.130 per degree from Reference 6.
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TABLE 6.1.4.2·A

EFFECT OF JET MOMENTUM ON LIFT·CURVE SLOPE
DATA SUMMARY AND SUBSTANTIATION

SUBSONIC
.

•
h e/2 ,"'l C'-a C'-a Percent

R.t A (deg) (deg Flap Type CJ Calc Test Error

6 7.75 21. , 60 Double-slotted EBF with 1.06 0.'22 0."0 10.9

t t ! ! l. E. Krueger 2. '2 0.'33 0.'30 2.3

t 3.18 0.141 0.'30 8.5
4.24 0.'46 0.139 5.0

7' 7.0 0 35 Double-slotted EBF with 2.75 0.'53 0.178 -14.0

j 1 1
~

L. E. slat 4.13 0. 168 0.200 -16.0

1
5.50 O. '8' 0.220 -17.7

55 4.13 0.167 0.160 4.4

t 5.50 0.179 0.192 -6.8

8 6.0 0 30 Plain ISF 0.95 0.097 0.'00 -3.0

t t t t t 2.07 0.' '5 0.116 -0.9

9 7.82 32.4 20 Double-slotted ES F with 2.0 0.128 0.145 -'1.7
t t t 50 L. E. slat 2.0 0.' '8 0.' '4 3.5

10 7.0 21.3 60 Double·slotted EB F with 2.0 0.'20 0.120 0

t t t t l. E. slat 3.0 0.127 0.'27 0

'3 7.0 21.8 23 Double-slOtted EBF with 2.0 0.126 0.147 -15.0

t
t t 60 l. E. slat & flap 3.0 0.124 0.144 -'3.9

7.0 3.1 60 l. E. slat 2.9 0.158 0.'33 '8.8

11 7.0 31.9 18.8 Plain ISF 3.09 0.126 0.149 -16.1

12 6.62 26.9 60 Singl.slotted EBF 2.95 0.'03 0.112 -8.0

:Elel
Average Error --- = 8.8'l6

n

*The data IndlCf,te thlt the 'low Is prObably uNttached, whleh may account for the large errors In this Cf,M.
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6.1.4.3 WING MAXIMUM LIFT WITH HIGH-LIFT AND CONTROL DEVICES

The estimation of wing maximum-lift coefficient is at best approximate. The stalling characteristics
of various kinds of wings often take on an entirely different character from the stalling
characteristics of airfoil sections. Stall may begin at the wing tips or may occur initially at the
inboard flapped sections, depending upon the amount of sweep, taper ratio, and the difference in
stall angle between the flapped and un flapped sections. Leading-edge devices can markedly alter the
character of the stall. Large crossflow components on the wing at the stall make estimates based on
section data inaccurate.

Tabulated data from 142 reports are presented in Reference I. Results are shown for many
planforms with and without various configurations of leading- and trailing-edge flaps, fences, and
slats. Values of CL and "'c are given in tabular form. Summary data from Reference I aremax Lmax
shown in Figures 6.1.4.3-7 through 6.1.4.3-9.

Figure 6.1.4.3-7 illustrates the effect of sweep on the maximum lift effectiveness of trailing-edge
flaps. It can be seen that at high angles of sweep, flap deflection can actually decrease maximum
lift. This results partially from the additional induced effects when flaps are deflected, causing the
tips to stall. Figure 6.1 .4.3-8 shows representative effects on CLmox of two sweptback wings with
varying flap-span ratios.

Because of their boundary-layer-control properties, double-slotted flaps are capable of producing
larger CLmax increments.

Maximum lift increments of leading-edge and trailing-edge flaps cannot, in general, be added when
these devices are used in combination. A brief summary of maximum lift coefficients for swept
wings is presented in Figure 6.1.4.3-9.

Separate methods are presented herein for estimating the wing maximum lift due to each of the
following: mechanical trailing-edge flaps, slats, and jet flaps (externally-blown flaps only).

Mechanical Trailing-Edge Flaps

The Datcom method for trailing-edge flaps is semiempirical and converts two-dimensional data into
three-dimensional characteristics as affected by wing planform, airfoil section characteristics across
the span, flap type and geometry, and flap span. The method is intended to be used as a first-order
approximation of wing maximum-lift coefficients when experimental data are not available.

Slats

The Datcom method for slats is an empirical method that assumes a section maximum-lift value of
1.28. This method estimates the maximum obtainable lift increment for a particular slat span,
slat-chord-to-wing-chord ratio, and wing quarter-chord sweep. If a test value for the slat section
maximum lift is available, it can be substituted for the assumed value of 1.28. Attempts to use the
predicted section maximum-lift value from Section 6.1.1.3 have been unsatisfactory, as the resulting
estimates underpredicted the test values. The method has not been substantiated beyond the test
data that were used to formulate the method (which indicated a variation in agreement). Therefore,
the method is intended to be used only as a first approximation of the slat maximum-lift increment
when experimental data are not available.

Jet Flaps

The jet-flap method presented is for predicting the maximum-lift coefficient for an externally
blown-flap (EBF) configuration; no method is currently presented for an internally-blown-flap
(IBF) configuration. The Datcom method for EBF conf<gurations is an empirical approximation

6.1.4.3-1



taken from Reference 2. The maximum-lift coefficient therein is reasoned to be a function of the
total camber of the wing, and blowing is considered to act as an effective camber increase. The
measurement of the increase in camber is taken to be the component of thrust normal to the airfoil.
This method is intended to be a frrst-order approximation of the maximum-lift increment due to
power effects. Substantiation of this method is not presented here; however, a substantiation of the
method does appear in References 2 and 3.

A semiempirical method for an EBF configuration, based on the assumption of a leading-edge stall
and the use of basic jet-flap theory, is given in Reference 3. The method provides good correlation
with measured values when an empirical factor is added. However, the use of this method depends
upon the availability of test data for the effective jet deflection angle, the measured turning
efficiency, and the power-off stall angle of attack. If these test data are available, this method is
preferable to the Datcom method presented herein.

DATCOM METHODS

I . Mechanical Trailing-Edge Flaps

The increment in maximum-lift coefficient due to trailing-edge flap deflection is given by the
equation

6.1.4.3-a

where

is the increment in airfoil section maximum-lift coefficient due to trailing-edge flaps,
obtained from Section 6.1.1.3.

is the ratio of the flap-affected wing area to the total wing area. The flap-affected
wing area does not include any increase in wing area due to flap extension.

is an empirically derived correction factor that accounts for the effects of wing
planform. This parameter is obtained from Figure 6.1.4.3-10 as a function of the
sweepback of the wing quarter-chord line.

It should be noted that the flap deflection angles and all dimensions are measured in planes parallel
or perpendicular to the plane of symmetry.

2. Slats

The increment in maximum-lift coefficient due to leading-edge slat deflection, based on the wing
reference area, is given by

where

(
Cr/C) (bslat ) 2

~CL = 1.28 -- -- cos2 !I. /4
max 0.18 b. C

6.1.4.3-b

c
6.1.4.3-2

is the ratio of the leading-edge-slat chord to the wing chord (see Figure 6.1.1.1-51).



II.c/4

3. Jet Flaps

is the ratio of the total slat span to the exposed wing span. For a segmented
leading-edge slat, bs1at is the total span of the segments. (See Section 4.3.1.2 for the
definition of the exposed wing span.)

is the sweep of the quarter chord.

The increment in maximum-lift coefficient due to power effects for an EBF configuration is
approximated from Figure 6.1.4.3-12, as a function of the thrust normal to the airfoil, defined as

where

'I, is the static turning efficiency defined as the resultant force divided by the gross
thrust. This value should be obtained from test data if available, or it may be
approximated for double- or triple-slotted flaps from Figure 6.1.4.3-11, as a
function of the effective jet deflection angle. (See Sketch (a).)

11,= FR/T

SKETCH (a)

is the nondimensional trailing-edge jet momentum coefficient based on the gross
engine thrust and the wing reference area. (See Section 6.1.4.1 for a definition.)

is the effective jet deflection angle with respect to the airfoil chord. If possible, this
value should be obtained from static force tests. When test data are not available, the
effective flap deflection angle may be approximated by using Equation 6.1.4. hI;
i.e.,

where Ii. and Ii, are defined in Section 6.1.4.1.

6.1.4.3-3



Sample Problems

I. Mechanical Trailing-Edge Flaps

Given: The wing-flap configuration of Reference 2.

A = 5.1 A = 0.383 1\ = 460
c/4

NACA 64-210 airfoil (1.286c) (t/c)'trearnWi,e = 0.072

Single-slotted flap

Sw
f

0.378

Compute:

crlc = 0.258

R, = 6.0 x 106

~c, (Section 6.1.1.3)
max

(~c,) = 1.045
max base

(Figure 6.1.1.3-12a)

k 2 = 0.605

Actual flap angle

Reference flap angle

(Figure 6. I. 1.3-12b)

(Figure 6. I.1.3-13a)

= 15.6 = 0.347
45

k
3

= 0.445 (Figure 6.1.1.3-13b)

~c, = k]k2k3 (~c,) (Equation 6.1.1.3-a)
max max base

= (1.010) (0.605) (0.445) (1.045)

= 0.284

K
A

= 0.730 (Figure 6.1.4.3-10)

Solution:

= ~c,
max

K
A

(Equation 6.1.4.3-a)

6.1.4.3-4

= (0.284) (0.378) (0.730)

= 0.0784 (based on Sw)



This compares with a test value of 0.075 from Reference 2.

2. Slats

Given: The wing-body configuration of an A4D-I Flight Trainer

== 0.177
c

bs1at

be
= 0.535

Compute,

( cr/C)( bslat ) 2= 1.28 -- -- cos2
0.18 be

(Equation 6.1.4.3-b)

= (1.28) (0.177) (0.535)2 (0.700)
0.18

= 0.252 (based on Sw)

This compares with a test value of 0.295.

3. Jet-Flap EBF Configuration

Given: The wing-body configuration of Reference 5.

CJ = 3.18

Double-Slotted Flaps

Compute:

I
= 2 (6 u + 6,)

I
= 2 (73 + 52)

= 62.5 0

(Equation 6.1.4.1-d)

11 = 0.583 (Figure 6.1.4.3-11)
t

11F· sin 6 = (0.583) (3.18) (0.887) = 1.644
J Jeff

.a.CL = 4.65 (Figure 6.1.4.3-1.2. lift increment due only to power effects, based on Sw)
max

This compares with a test value of 5.35 from Reference 5.
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6.1.5 WING PITCHING MOMENT WITH HIGH-LIFT AND CONTROL DEVICES

The following sections give the effect of flap deflection on wing pitching-moment coefficient at subsonic,
transonic, and supersonic speeds. Section data from other portions of the Datcom are used. Although the
methods are developed for trailing-edge flaps, they can be applied to leading-edge flaps, slats, and spoilers,
provided the proper section data are available or can be estimated. However, the methods presented are
applicable to the angle-of-atlack and flap-deflection ranges for which linear aerodynamic control character
istics exist. A chart showing the linear-lift range for a particular airfoil is shown in Section 6.1.3. In general,
the linear-lift range for wings is considerably shorter than that shown in this chart, particularly for swept and
low-aspect-ratio wings. For swept wings, the effects of spanwise boundary-layer flow, induced camber, and
leading-edge vortices are pronounced and tend to nonlinearize the control or flap characteristics. For low
aspect-ratio wings, section characteristics are not important and, generally, the linear range is shorter than
those of their section counterparts.

Leading- and trailing-edge flaps frequently have a pronounced effect upon the longitudinal stability charac
teristics of wings. Reference I gives a summary of these effects. Figures 6.1.5-2a and 6.1.5-2b are reproduced
from this reference. Figure 6.1.5-2a shows the increase in stability that can be obtained from leading-edge
flaps, slats, and fences. The basic curve is also shown in Section 4.1.4.3. Figure 6.1.5-2b shows the effect of
spanwise extent of leading- and trailing-edge flaps on longitudinal stability for a particular wing.

REFERENCE

1. Furlong. G.C•• •nd McHugh, J.G.: A Summery .nd Anlly... of thllow-SpeecI LongltudlMl ChM'KtW1lt1cs of Swept Wi,. at High

R.ynolds Number. NACA TR 1339,1957. lUI
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6.1.5.1 PITCHING-MOMENT INCREMENT aem DUE TO HIGH-LIFT
AND CONTROL DEVICES

A. SUBSONIC

Methods are presented in this section for estimating the pitching-moment characteristics for most
common high-lift devices in use today and for some of the blown flaps being considered for STOL
aircraft. These methods are valid only in the linear-lift region (preferably near zero angle of attack).
The effect of these devices on the variation of pitching moment with angle of attack is presented in
Section 6.1.5.2, except for the jet flap, which is presented in this section. Considerations of clarity
and simplicity of presentation dictated this deviation from standard Datcom practice. The reader is
referred to Sections 6.1.1.1 and 6.1.2.1 for a discussion of the salient aspects regarding the various
types of high-lift devices.

The assumption is made that the characteristics of a trailing-edge flap are independent of any
leading-edge device, and!or the characteristics of a leading-edge device are independent of any
mechanical trailing-edge flap. In reality this is not quite true, but the methods of this section are not
sufficiently refined to account for these interference effects. This assumption cannot be justified in
the case of the more powerful jet flap.

Trailing-Edge Mechanical Flaps

Two methods are presented for estimating the pitching-moment increment due to trailing-edge
mechanical flaps at small angles of attack and low speeds. Both methods are applicable to all types
of flaps and to high-flap-deflection ranges, provided proper section data are used.

Method I (Reference I) is substantially easier to apply than Method 2 (Reference 2). A data
summary and substantiation of Method I are presented in Table 6.1.5.l-A. The resulting mean error
of the pitching-moment increment due to flap deflection is to.053. For configurations with
quarter-chord sweep angles greater than 450 , caution should be exercised, since the accuracy of the
method is questionable in this range.

Method 2 uses linear theory for subsonic compressible flow, together with two-dimensional airfoil
data adjusted for the effects of sweep. The additional feature of this method is that it requires the
determination of the spanwise loading of the wing due to flap deflection. It is this feature that
makes this method cumbersome to use. This method is not substantiated here; however, a
substantiation of the method does appear in Reference 2 with a reported mean error of
pitching-moment increment due to flap deflection of to.02.

Leading-Edge Mechanical Devices

Although the second method described above should be equally applicable to leading-edge devices,
no substantiation of such use has been found. The use of a method as complex as this one cannot be
justified when the small pitching moments and nonlinear characteristics of leading-edge devices are
considered. Therefore, a simpler method is presented for estimating the effect of conventional
leading-edge devices on the pitching moment. This method is based on the thin-airfoil,
two-dimensional method, uncorrected for three-dimensional effects. Although the accuracy of the
method is not as good as desired, no trends in three-dimensional parameters, such as aspect ratio,
taper ratio, or sweep, have been observed that would improve the accuracy.
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The lack of accuracy is to be expected, since the linear theory is intrinsically unable to handle the
large deflections typical of leading-edge devices or to predict the nonlinear characteristics evident in
the test data.

Jet Flaps

The method presented herein (taken in part from Reference 3) adapts the jet-flap method for
airfoils, presented in Section 6.1.2.1, ior use on finite-aspect-ratio wings. As such, it applies to the
same concepts and is subject to the same limitations that are listed in that section. The user is
referred to the discussions in Sections 6.1.1.1 and 6.1.2.1 for a complete understanding of this
method.

The jet-flap method assumes that the entire flap is immersed in a uniform-jet-flow field. For
externally-blown-flap (EBF) systems on swept wings, where this assumption is obviously not valid,
the method contains a procedure for making an approximate estimate of the spanwise distribution
of the jet. However, this cannot be expected to yield better than a rough estimate of the true
pitching moment. This is due to the fact that the pitching moment cannot be accurately estimated
without a detailed knowledge of the spanwise extent of the wing influenced by the jet.

Unfortunately, the jet spreading problem is very difficult to treat, and to date little in the way of
analytical or empirical methods has been developed. Solution of the problem, which is simply to
determine the spanwise dis.tribution of trailing-edge jet momentum, requires that the flow details of
the impingement, spreading, and turning process be known. Such a flow solution, which involves
the viscid/inviscid interaction of the jet impinging on the wing-flap system, is clearly beyond the
scope of the Datcom.

The wing pitching moment is calculated by applying correction factors for finite aspect ratio to
Spence's adaptation of thin-airfoil theory to the two-dimensional jet-flap problem. The correction
factors adjust the center-of-lift location and the magnitude of the lift increment. The first is from
Reference 4 and is based on conventional flap data; the second is from Reference 38 and is based on
Maskell's theoretical correction for three-dimensional effects. This method does not account for
sweep or taper effects, except insofar as they affect the geometric relationship between the center
of gravity and the wing. This should not be a serious restriction, since the jet-flap system is usually
applied to high-aspect-ratio wings with low to moderate sweepback. The maximum sweep angle and
taper ratio for which this method is valid have not been determined.

DATCOM METHODS

I. Trailing-Edge Mechanical Flaps

Method I

This method assumes a constant flap-chord-to-wing-chord ratio. In the case of arbitrary spanwise
distribution of flap chord (constant-chord flaps on tapered wings or tapered flaps on untapered
wings), the flaps should be divided into spanwise steps. The pitching-moment contributions from
each spanwise step are then calculated and added together to obtain the total increment for the
flap.

At low angles of attack, the change in pitching-moment increment due to flap deflection based on
Sw Cw taken about Cw /4 is given by
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6.1.5.I-a

where

6.1.5.1-b

where

Kp is the flap-span factor as a function of taper ratio and flap location, obtained
from Figure 6.1.5.1-61 as illustrated in Sketch (a). Note: 7) is the span

c_o::;n::;t::r.::o:..l::.!sp::.:a::n:..:o::;r::d::.in::.a~t~estation, 7) = -
b/2

I.

AC'm

SKETCH (a)

is the ratio of the pitching-moment increment to lift increment for a full-span
flap on a rectangular wing, obtained from Figure 6.1.5.1-60 as a function of
wing thickness and flap-chord-to-extended-win~-chord ratio.

is the lift increment due to flap deflection, obtained from the appropriate
equation (determined by the particular flap type) of Section 6.1.4.1 using the
following assumptions:

I. full-span flap

2. wing aspect ratio of 6

3. no sweep, Ac/2 = 0

(Note: the above assumptions are to be used for all calculations involved in
calculating ACL .)

6.1.5.1-3



Method 2

c'

c

A

is the ratio of the extended wing chord to the retracted wing chord (see
Figures 6.1.1.1-44 through -46 for a graphical illustration).

is the wing-body lift coefficient with the flap retracted. This value should be
obtained from test data if available, or from Sections 4.1.3.1* and 4.3.1.2.

is the wing-body pitching-moment coefficient with the flap retracted. This
value should be obtained from test data if available, or from Section 4.3.2.2
supplemented with a test-data value for (Cm )

o WB

is the conversion factor for a partial-span flap On a sweptback wing obtained
from Figure 6.1.5.1-57 in a similar manner as Kp ; i.e., see the illustration in
Sketch (a).

is the wing aspect ratio.

is the sweep of the wing quarter-chord.

This method requires the determination of the span loading due to flap deflection (Reference 5)
and the chordwise center-of-pressure location for stations across the span. Once these quantities are
determined, the incremental pitching moment can be calculated by an integration process. The
pitching-moment increment ACm f is obtained by using the procedure outlined in the following
steps:

Step 1. Determine the spanwise loading coefficient G/6 of full wing-chord flaps. The
spanwise loading coefficient G/6 of full wing-chord flaps is obtained as a function

span ordinate
of span station, '1 = from Figures 6.1.5 .1-62a through 6.1.5 .1-62d

b/2
for appropriate values of /3A/K,
A~ = tan-1 (tan Ac/4 //3l.

It should be noted that Figures 6.1.5.1-62a through 6.1.5.1-62d present the
spanwise loading coefficients for full wing-chord flaps that extend from the plane of
symmetry out to span stations of '10 = 0.195, '10 = 0.556, and '1 0 = 1.0
(Figure 6.1.5.1-62a also includes '10 = 0.831). The results for other flap spans are
obtained by interpolating the results of the particular flap spans presented in Figures
6.1.5.1-62a through 6.1.5.1-62d. The final step in the interpolation procedure is to
cross-plot the results of the variation of the loading parameter at given stations as a
function of flap span '1f for desired values of the parameters /3A/K, A~, and A
(see Sketch (b)).

·The wing-body zero·lift angle of attack is obtained from the wing-alone data of Section 4.1.3.1. Test data from a similar
configuration should be used if available. Wing surface velocity is increased .~y the presence of the fuselage; therefore, when the
fuselage is below the wing, the lift is reduced, and with the fuselage above the wing, the lift will be increased. This effect is generally
small, unless wing-mounted bodies, such as stores or nacelles, are close to the fuselage or to each other.
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o

The spanwise loading is then read from this cross plot at the desired values of 'If ('Ii and '1
0

).

Note that for caseS where Figure 6.1.5.1-62a applies, i.e., where I3A/K = 0, the cross plot
represented by Sketch (b) is obtained directly, since no intermediate steps are required to
interpolate for A or A13.

The following procedure is used to determine the spanwise loading of the actual flap:

a. For flaps that extend from the plane of symmetry outboard, tabulate the loading for
an inboard flap extending from the plane of symmetry to the outboard station of the
actual flap, as shown in Sketch (c).

.....__ FLAP ---I
SPAN

G

o

'Ii
o

'Io
1.0

SKETCH (cO

b. For partial-span flaps that extend from the wing tip inboard, the charts are used as
follows: Tabulate the loading G/6 for a full-span flap. Tabulate the loading G/6 for an
inboard flap extending from the plane of symmetry to the inboard station of the actual
flap. Subtract the loadings of the above tabulations at each span station to obtain the
loading of the actual flap (see Sketch (d».
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c. For partial-span flaps that have outboard ends inboard of the wing tip and inboard ends
outboard of the plane of symmetry, the charts are used as follows: Tabulate the loading
function Glh for flaps extending from the plane of symmetry to the outboard station
of the actual flap. Tabulate the loading function Glh for a flap extending from the
plane of symmetry to the inboard end of the actual flap. Subtract the loadings of the
above tabulations at each span station to obtain the loading of the actual flap (see
Sketch (e»).
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Step 2. Determine the incremental section lift coefficient as a function of span station IJ

by'

6.1.5.I-c

where

is the incremental section lift coefficient due to flap deflection.

b

c

G

5

is the total wing span.

is the local chord at the span station in question.

is the loading coefficient of a full wing-chord flap at the span station in
question, obtained from Step I.

is the two-dimensionallift-effectiveness parameter expressed as

(Equation 6.1. I. I-b)

where

c" is the lift effectiveness of the flapped airfoil from the
appropriate method of Section 6.1.1.1.

c'a is the airfoil section lift-curve slope (including the effects of
compressibility) from Section 4.1.1.2.

For area-suction and blowing-type flaps the theoretical value of a. is
presented as a function of crlc in the inset of Figure 6.1.4.1-14.

When experimental values of the section lift increment t.c, are available
for plain, split, or slotted flaps, the lift-effectiveness parameter should be
calculated using

(t.c, lexpe'iment

(c'a l. 5

5 is the streamwjse flap deflection in radians. This value may be obtained
from

6.1.5.1-<1

-In the theory, sections of a yawed infinite wing are dealt with. See Reference 2 for details of the theoretical treatment of sweep and
taper.

6.1.5.1-7



where

AH L is the sweep angle of the flap hinge line.

b1 H L is the flap deflection measured normal to the flap hinge
line.

The product (G/b}a, in Equation 6.1.5.I-c converts the spanwise loading
distribution of full wing-chord flaps, cr/c ~ 1.0, to the spanwise loading distribu
tion of partial wing-chord flaps. For the case of arbitrary spanwise distribution of
flap chord (constant-chord flaps on tapered wings or tapered flaps on untapered
wings), the flap can be divided into spanwise steps and a new value for c>:, for each
segment determined. The load distribution due to each spanwise step is then
determined by the product of G/8 and the average value of c>:, over that spanwise
step.

Step 3. Determine the chordwise center-of-pressure location xc.p • for stations across the
span.

For this calculation the wing span is divided into not more than three types of
regions. These regions are illustrated schematically in Sketch (f), and consist of:

a. Span stations included in the flapped section.

b. Span stations adjacent to the flap ends where the distance from the ends of the
flap AI] is less than 10.201.

c. Span stations not influenced by the flap span, AI] ;;. 10.201.

o
I

-- AI] < 10.21

The chordwise center-of-pressure location in each region is obtained as follows:

a. For the span stations included in the flapped section

6.1.5.1-8

xc.p.

Ac
~ 0.25 _ m

ellA = 0
6.1.5.1~



where

is the section incremental pitching moment obtained
from Section 6.1.2.1 by the appropriate trailing-edge

mechanic,al-flap method using cr/c and 0'. where 0' is
the flap deflection in the plane normal to the
constant-percent chord line through xC.P'b' given by

tan 0

cos !\
(,15.1-1

where .J\ is the ,:weepback (}f the constallt-percent
chord line thr0ugh the cent",r (of pressure of the basic
In;:.di;lg, @ven by

4
= tan I\c/4 - A(x',P'b

I-A
0.25) -

I + A

6.1.5.I-g

where XC•P'b is the chordwise center-of-pressure
position (basic loading) for a plain flap from
Figure 6.1.5.1-67b.

is the incremental section lift coefficient as a function
of span station, referred to the basic load line, by

6.1.5.I-h

where CiA is obtained from Step 2.

b. For the span stations adjacent to the flap ends where the distance from the
ends of the flap I1Tj is less than 10.201,

where

(
I1cm )x = 0.25 - K --

C.p. e"
A = 0 edgeof

flap

6.1.5.I-i

K is obtained from Figure 6.1 .5.1-67a as a function of
distance from the end of the flap.
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is the value determined in Step 3a at the span station
corresponding to the edge of the flap.

c. For span stations not influenced by the flap span, i.e., L'l1/ ;;. 10.201, the
theoretical chordwise center-of-pressure position is assumed to be the quarter
chord poin t.

A typical variation of chordwise center-of-pressure location for stations across the
span is illustrated in Sketch (g).
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SKETCH (g)

Step 4. For wings with swept quarter-chord, the chordwise center-of-pressure position at
each span station must be referred to the quarter-chord of the MAC by

x _ b/2 c (xc.p. - 0.25)

c· = (1/ - 1/) -=- tan Ac/4 +
c C

6.1.5.I-j

where

ij is the lateral distance of the wing MAC from the body center line in
semispans.

x is the distance of the local center of pressure aft of the quarter-chord of
the MAC.
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Step 5. With the local centers of pressure and the span loading known, determine the change
in pitching moment due to flap deflection, based on Sw Ow taken about the
quarter-chord of the wing MAC, by integrating across the span as follows:

f LO l ct.c ~- c, -
mf A Co av

(~) ] 6.1.5.I-k

where c'" is from Step 2, (x/c) is from Steps 3 and 4, and c/cav is the ratio of the
local chord at a given span station to the average chord (c" ~ Sw Ibw ).

2. Leading-Edge Devices

This method assumes a constant flap-chord-to-wing-chord ratio. In the case of an arbitrary spanwise
distribution of leading-edge flap chord, the flaps should be divided into spanwise steps. The
pitching-moment contributions from each spanwise step are then calculated and added to obtain the
total increment for the leading-edge device.

The pitching-moment increment due to mechanical leading-edge devices, based on Sw Cw' is given
by

where

6.1.5.1-£

c 'mS LE

c'

c

is the theoretical two-dimensional, flap pitching-moment effectiveness about the
leading edge, obtained from Figure 6.1.2.1-36 as a function of the ratio of flap
chord to the extended airfoil chord cf/c'. (See Figures 6.1.1.1-51 for the definition
of flap chord cf .)

is the mean aerodynamic chord of the wing segment affected by the leading-edge
device (see Sketch (h». The wing chord is the extended-wing chord due to an
extension of the leading-edge device. The trailing-edge flaps, if any, are considered
retracted.

is the wing mean aerodynamic chord (MAC).

is the retracted or basic-airfoil chord at the spanwise station of the MAC of the wing
segment affecled by the leading-edge device (see Sketch (h».

is the moment-reference-center location in fractions of the wing MAC, measured
positive aft from the aircraft reference-axis origin (usually the aircraft nose or wing
apex) parallel to the longitudinal axis.
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is the location of the leading edge of the mean aerodynamic chord of the wing
segment affected by the leading-edge devic'e, in fractions of the wing MAC. This
parameter is measured positive aft from the aircraft reference-axis origin (see
Sketch (h)).

c~, is the two-dimensional leading-edge flap effectiveness parameter obtained from
Figure 6.1.1.1-50 as a function of the flap-chord ratio c,Ic', instead of c,/c.

Sw, is the area of the wing segment affected by the leading-edge device (see Sketch (h)).

Sw is the wing reference area.

ii, is 'j'e leading-edge-device deflection, meHsured parallel to the free stream in degrees
(see Figure 6.1.1.1-51).

Cm is the wing-body pitching-moment coefficient at a given angle of attack, with the
leading- and trailing-edge flaps retracted. This parameter should be obtained from
test data, if available, or by using Section 4.3.2.2 supplemented with a test-data
value for (Cmo)\\'B'

CL is the wing-body lift coefficien t at a given angle of attack, with the leading-edge and
trailing-edge flaps retracted. This parameter should be obtained from test data, if
available, or from Sections 4.1.3.1*,4.1.3.2, and 4.3.1.2.

Al1 is the flap span in fractions of the wing semispan (see Sketch (h)).

f----- --~- b/2

SKETCH (h)

------..1

..I

·The wiog·body zero-lift aogle of attack is obtained from the wing-alone det.. ")1 S.. ;(iQtl 4,1.3.1. Test data ~rC'r" ] 3im:1d' u .•nfiglJl ...·
tion should be used if available.
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3. Jet Flaps

The method presented herein pertains to the same concepts as noted in Section 6.1.1.1; Le., the
pure jet-flap concept and the IBF and EBF concepts with a plain trailing-edge flap. For an IBF or
EBF concept with a single-slotted or multislotted flap configuration, this method should be used
only as a first approximation.

Because of the complexity of calculating the pitching moment due to a trailing-edge jet nap, the
method is presented in a stepwise procedure. This procedure assumes that the wing employs a
leading-edge device; however, it will also handle configurations without leading-edge devices. In
using the method, all flap-chord lengths and flap deflections are measured in a streamwise direction.

The computation of the pitching moment is broken down into components due to the leading-edge
device, the angle of attack, the mechanical flap, and the jet flap. This division can be somewhat
misleading because in each term there appears the parameter c66 /c, which is the ratio of the airfoil
chord with all flaps extended to the basic airfoil chord. Thus each term is actually dependent upon
the total extended airfoil chord Cw For example, a change in c" due to a deflection of the
leading-edge device will affect the contribution of each component, not just the component due to
the leading-edge device.

No substantiation of the method is presented herein because of the scarcity of data for which
enough information is available to make a meaningfUl comparison. The available data indicate an
average error of approximately ±20 percen t. For those configurations that have been analyzed by
using this method, the results indicate that this method is more accurate in estimating the
pitching-moment increment due to flap deflection than in estimating the variation of pitching

•moment with angle of attack. This may be accounted for by the tendency of wings developing very
high lift coefficients to have significant flow separation even at low angles of attack. The variation
in the amount of separated flow with angle of attack may be affecting Cma significantly.

The wing pitching-moment increment (omitting the zero-lift pitching moment at Cil = 0) due to a
trailing-edge jet flap with or without a leading-edge device is obtained from the following procedure.
All of the area terms are assumed to be total values, not semispan values, i.e., to include both the
left- and right-wing contributions.

Step I. Divide the wing into spanwise sections that exhibit the same geometric and flow
characteristics, Le., no geometric discontinuities.

a. The blown wing area will determine one or more spanwise sections. The blown
wing area is defined as the basic wing area that is affected by the .jet flap,
excluding any increase in wing area due to Fowler motion of the leading
and/or trailing-edge devices. For a pure jet-flap configuration with the efflux at
the trailing edge, SJ is defined as the streamwise basic wing area ahead of the
jet flap. For EBF configurations, the jet spreading angle 'Y must be considered
before SJ can be determined. Therefore, it is suggested that the user
determine the spreading angle for his particular configuration from test data on
a similar configuration. However, if no such test data are available, the Datcom
recommends that a value of 120 be used for the spreading angle 'Y. An
example for determining SJ for an EBF configuration is presented in
Sketch (i). In this example the value of SJ has been increased slightly so as to
include that portion of the wing ahead of the inboard tip of the flap. The
reason for this adjustment is explained in part (b).

6.1.5.1-13



,
PUS
t

BLOWN
AREA S]

1 2

SKETCH (i)

4

1

b. The basic criterion for dividing the wing is the avoidance of discontinuities. The
sections are detennined such that the ratio of the extended wing chord
(including both leading- and trailing-edge devices) to the basic wing chord is
constant or approximately constant, and the ratio of the flap chord to the basic
wing chord is constant or approximately constant; i.e., c•• /c is constant and
crlc is constant. A schematic illustration for detennining these spanwise

sections for an EBF configuration is presented in Sketch (i). In order to
minimize the number of spanwise sections, it is suggested that small changes are
assumed to be made to the actual configuration. In Sketch (i) some of the
assumptions made were: I) the outboard wing slat station was assumed to be at
the wing tip, 2) the inboard tip of the slat was neglected, 3) the jet spreading
was assumed to extend to the inboard station of the flap, and 4) no
discontinuity was assumed in the slat due to the engine pylon.

Step 2. The pitching-moment increment of each spanwise section is now calculated by
treating each wing section as a two-dimensional airfoil. The calculation of the
pitching-moment increments is perfonned by strictly applying the jet-flap method of
Section 6.1.2.1 (not the mechanical leading- or trailing-edge methods) to evaluate
each section individually. To prevent a duplication of effort, the material of
Section 6.1.2.1 is not repeated i)ere. It is therefore advised that the reader become
familtar with the jet-flap method of Section 6.1.2.1 before proceeding further.
However, before the jet-flap method of Section 6.1.2.1 can be applied to the
three-dimensional wing sections, the following tenns xm Ic, C~, K, xrJc•• ,x/c•• '

and a L (for a) must be redefined as follows:

6.1.5.1-14



c
redefined as the ratio of the distance from the wing leading edge to the unique
unswept reference line (which may lie on or aft of a conventional wing
configuration) to the local chord, such that xm Ie has a constant value for
straight-tapered wings. (This reference location eliminates the need for
calculating the spanwise center-of-pressure location for each wing section.) For
non-straight-tapered wings there can be more than one value. Sketch UJ
presents an example of a non-straight-tapered wing where two values of xm Ie
are required. The determination of xm/c is defined by

Xm I + i.. (As)
- = -- - tanA

c 1-i..4 LE

where

i.. is the taper ratio of the particular spanwise wing section.

As is the aspect ratio of the particular spanwise wing section.

6.1.5.1-m

ALE is the sweep of the leading-edge angle of the particular span wise wing
section.

Reference lines defined
by Equation 6.1.5.1-m-~~

SKETCH (j)

However, a problem arises in the case of untapered wings (i.. = I), since xm Ie
it! EquatiOp. ~.,I ,5 .I-m becomes indeterminate. Therefore, for an un tapered
wing or willg'section, Equation 6.1.5.I-m is modified to the following:

=
c c

6.1.5.I-n
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C•

where

Ax, is the distance between the wing apex and the desired moment
reference center, measured positive aft.

c is the basic wing chord.

is the s0ction nondirnensional trailing-edge jet momentum coefficient. For
those sections that are outside of the blown area, C. = O. For those sections
within the blown area, the following approximation is used to determine the
relationship between C. and CJ :

6.1.5.1-0

where

is the nondirnensional trailing-edge jet momentum coefficient' )Sed
on the gross engine thrust and the wing reference area. (See
Section 6.1.4.1 for an exact definition.)

is the static turning efficiency defj.ned as the resultant force divided
by the gross thrust (see Section 6.1.4.3, Sketch (a).This value should
be obtained from test data if possible, or from Figure 6.1.4.3-11 for
slotted flaps. Although Figure 6.1.4.3-11 represents a reasonable
average of the available data, the data scatter is large. Since this
method cannot be expected to yield good results if the error in '7 t is
large, it is imperative that test data be used if available.

is the ratio of the wing reference area to the blown wing area.

K redefined here to apply to each wing section individually, based on the
following expression

K = l At + 2 C~/lI Jc"

At + 2 + 0.604 (C~)1/2 + 0.876 C'. T

where

6.1.5.I-p

6.\.5.1-16

is the ratio of the extended wing chord, including the extensions of
both the leading- and trailing-edge devices, to the basic wing chord of
the particular spanwise wing section.



c'•

is the aspect ratio of the total wing based on the extended wing
chord, i.e., At = A(c/c

66
), using the particular section value for

c/c66 •

is the section nondimensional trailing-edge jet momentum coefficient
based on the extended wing chord c66 ' i.e., C~ = C. (c/c,,).

Xfi Xj

C.s.s' C.s6

are the center-of-lift location of the incremental load due to the deflection
of the ith flap segment and the center-of-lift location of the incremental
load due to the jet deflection, respectively. In this section these terms are
applied to each spanwise wing section and are corrected for three
dimensional effects by

where

6.1.5.I-q

6.1.5.I-r

(;fi
)

66 2D

is the two-dimensional center-of-lift location of the incre
mental load due to deflection of the ith trailing-edge flap
segment. This parameter is obtained, as defined in Sec
tion 6.1.2.1, from Figure 6.1.2.1-37 as a function of the
ratio of the flap chord t9 the extended airfoil chord
cfic.. and c~.

is the ratio of the center-of-lift location for a finite-aspect
ratio wing to the center-of-lift location for an infinite
aspect-ratio wing for the incremental load due to
deflection of the rth trailing-edge flap segmen t. This
parameter is obtained from Figure 6.1.5.1-68 as a function
of Cf/C•• and I/At'

is the two-dimensional center-of-lift loca tion of the incre
mental load due to the jet momentum acting at some angle
to the trailing-edge camber line. This parameter is obtained
from Figure 6.1.2.\-37 at cf/c••. = 0, as a function of the
trailing-edge jet momentum c~.

6.1.5.1-17



is the ratio of the center-of-lift location for a finite-aspect
ratio wing to the center-of-lift location for an infinite
aspect-ratio wing for the incremental load due to the jet
momentum acting at some angle to the trailing-edge
camber line. This parameter is obtained from Fig
ure 6.1.5.1-68 at Cf/cM = 0, as a function of I/A

t
•

is the local angle of attack for the particular spanwise wing
section under consideration. For wings with twist, this
value wilt change from section to section. It is suggested
that the change be approximated by using the average
twist incidence for each section.

Step 3. Compute the sum of the wing section pitching-moment increments from Step 2
according to the following:

where

p

Cmm = ~ aCm (Kbk - Kbk_ l )

k = I
6.1.5.I-s

k

p

is the number of the wing section (numbered from the
fuselage center line outboard).

is the total number of wing sections.

is the section pitching-moment increment for the particu
lar spanwise section, obtained from the jet-flap procedure
of Section 6.1.2.1.

are the values of the span factor for the outboard and
inboard ends, respectively, of the kth wing section. This
parameter is obtained from Figure 6.1.4.1-15 as a function
of basic-wing taper ratio A and the span stations 17k and
17k_I of the streamwise cuts defining the kth wing section
nondimensionalized by the wing semispan (see Sketch (i)).

Step 4. Calculate the lift contribution to the pitching-moment increment for each wing
section according to

where

6.1.5.1-t

6.1.5.1-18

acl ,acZ,ac4'(acS)j'
and aC6

are the terms analogous to lift generated during the execu
tion of the jet-flap procedure of Section 6.1.2.1.



are defined in Step 3 above.

Step 5. The total wing pitching-moment increment due to a jet flap at some angle of attack
is calculated by using one of two equations presented below. For a tapered wing,
Equation 6.1.5.I-u is used; while for an un tapered wing, Equation 6.1.5.1-v should
be used. Both equations convert the pitching moments for each wing panel about
xm Ic" to the desired moment-reference-center location, based on Sw Cw'

p

where

t:.z
; Cmm +1), CJ y+ L:

k 0 \

6.1.5.I-u

t:.z
C

is the vertical distance between the desired moment-reference-center
location and the quarter-chord of the MAC, positive for the wing below
the desired location. (This is an approximation because an exact solution
would req uire accounting for the vertical distance for each blown wing
section.)

is the longitudinal distance between the moment-reference-center location
and the location of the chord station for zero sweep. This parameter is
measured positive aft from the moment reference center as illustrated in
Sketch (k).

MOMENT REFERENCE CENTER

fT,
&<2 --=--- (c

Reference lines defined
by Equation 6.I.5.1-m - __V""

SKETCH (k)
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For an untapered wing this distance can be found by using

AXk '1k - '1k_1 b tan A
=---

C 2 2 c

Sk is the area of the k th wing section with all flaps retracted.

All remaining terms have been defined in the previous steps.

sample Problems

I. Single-Slotted Trailing-Edge Flap (Method I)

Given: The sweptback wing-body configuration of Reference 32 with a single-slotted flap.

Wing Characteristics:

6. 1.5. I-v

A = 5.1 b/2 = 74.75 in. x = 0.383 Ac/4 = 44.6°

cr = 42.36 in. c, = 16.24 in. Sw = 30.35 ft2 c = 3\.22 in.

6.1.5.1-20

NACA 64-210 1 0.286 c

= 0.04%c

CL - 0.025 (test data)

a = 0

t

c
0.075 (streamwise)

Cm = -0.034 (test data)

= 0.671 %c



Flap Characteristics:

Single-slo(ted flap 0.286 (streamwise)
c'
- = 1.05
c

1/; = 0.144 1/
0

= 0.45 Of = 30.680 (streamwise)

9

Additional Characteristics:

M = 0.14; 13 = 0.99

Compute:

Y90 Y 99

I, ...:2=----_-=2'--
tan"2 <PTE =

0.671 - 0.04
9 = 0.Q7

= 0.873 (Figure 4. I. 1.2-8a)

(c) = 6.66 per rad (Figure 4' I ··'.~h)
12

Q theory

1.05 [ C'
o 1(c) (Equation 4.1.1.2-a)

c'o = -r (Coo) '0 theory
theory

= 1.05 (0.873)(6.66)
0.99 .

= 6.167 per rad

0<, =-0.483 (Figure 6.1.1.1-41)

ac. = -c. 0<, Of (Equation 6.1.1.l-d)
o

30.68
.- -16.167) (-0.483) --

57.3

= 1.595
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A = 6.0

0

}

Ac/2 =

Method I assumptions for calculating aCL

6.167
-- = 09815211" •

AI 1
1/2

6- {32 + tan2 Ac/2 = -- (0.99) = 6.05
" 0.9815

CL a
- = 0.747 perrad (Figure 4.1.3.2-49)
A

CL = 6(0.747) = 4.48 per rad
a

=-0.655

- 1.04

(Figure 6.1.4.1-14 insert)

(Figure 6.1.4.1-14)

Kb = 1.0 (assume full-span flaps for calculating aCL)

(Equation 6.1.4. I-a)

(
4.48 '

= (1.595) 6.167)(1.04)(1.0)

= 1.205

= --
c' c c'

= 0.286 = 0.272
1.05

ac;.
aCL

= -0.271 (Figure 6.1.5.1-60)

6.1.5.1 -22



(K) =0.27 (Figure6.1.5.\-6D
p "=0.144

(Kp),=0.45 = 0.72 (Figure 6.1.5.1-61)

= 0.72 - 0.27 = 0.45

(Equation 6.1.5. I-b)

= 0.45{(-0.271) (1.205) (1.05)2 - 0.25(0.025) (1.05) (0.05) - 0.034!( 1.05)2 - II}

= 0.45{ -0.36 - 0.0003 - 0.0035}

= -0.164

(
K

A
) = 0.0365 (Figure 6.1.5.1-57a through -57d, interpolated)

"=0.144

( K
A

) = 0.0615 (Figure 6.1.5.\-57a through··57d, interpolated)
"=0.45

KA= (KA)"o - (KA)".
I

= 0.0615 - 0.0365 = 0.025

Solution:

tl.Cmr = tl.Cm + KA (~) tl.CL tan Ac/4 (Equation 6.1.5. I-a)
1.5

= -0.\64 + (0.025) (~ ) (1.205)(0.9874)
1.5

= -0.164+0.\0\

= -0.063 (based on the product of wing area and wing mean aerodynamic chord and
referred to a moment center at c/4)

This compares with a test value of tl.Cmr = -0.074 from Reference 3...
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2. Plain Trailing-Edge Flap (Method 2)

C:l\ell: The sweptback wing of Reference 13 with a partial-span plain trailing-edge flap. This is the
same configuration as Sample Problem I of Paragraph A of Section 6.1.4.1.

Wing Characteristics:

A = 3.78

cr = 11.315 ft

b/2 = 16.97 ft

i1 = 0.456

x = 0.586

C = 9.09 ft

AC/4 = 47.350

Cay = 8.98ft

NACA 65A006 airfoil (streamwise)

Flap Characteristics:

Plain trailing-edge flap Crlc = 0.224 (streamwise)

fl j = 0.10 fl = 0.58o
Il = 300

lHL
Il = 22.1 0 (streamwise)

Additional Characteristics:

Low speed; Il = 1.0

Compute:

~ = 6.1 x 1(j6

Step I. Determine the spanwise loading coefficient GIll (see Step Ic of Datcom Method 2)

Co = 6.13 per rad (Sample Problem I, Paragraph A, Section 6.1.4.1)
•

6.13
--=
21r

0.976

IlA (1.0)(3.78)
= = 3.87

" 0.976

(
tan Ac/4 ) _ (tan 47.350

)All = tan-I = tan I = 47.350

Il 1.0

Obtain the spanwise loading coefficient GIll for a full wing-chord flap extending from the
plane of symmetry to the inboard station of the actual flap ('Ii = 0.10), and for a full wing
chord flap extending from the plane of symmetry to the outboard end of the actual flap
(flo = 0.58). Since the span loadings for :hese particular flap spans are not presented in
Figures6.1.5.1-62a through 6.1.5.1-62d, the interpolation procedure described in Step I
of Datcom Method 2 must be applied. The cross-plotted results of the variation of the
loading parameter at given span stations as a function of flap span for the desired values
of IlAI", ~, and X are presented in Sketch(hI.

The spanwise loading coefficients for a full wing-chord flap that extends from the plane of
symmetry to the inboard station 'Ii = 0.100 and for a full wing-chord nap that extends
from the plane of symmetry to the outboard station '10 = 0.58 are read from Sketch(h)
at 'Ii and '10 ' These spanwise loading coefficients are presented in Sketch (i).

6.1.5.1-24



.5 '"T"A-=~0.-5-86-,-/\~{3-=-4~7-.3-::5-;;-0,-{3"!"A-/'--K-=..,3'"'.8=-=7,---,--r----r---r-----,

I

1.0.8

1.0

.9

.4 1.6
1/f 1/0

.2
1/j

ACTUAL FLAP SPAN

o
o

.1 +-If-+-I--flt~Z+---7"q..-:J.4-fi,.L.-_+-_+-_+-__1

.2 +---+ff--+-I-+--f--1--h4---+-b.L-_+~_+____:;A_-_1

.44---+--l--+--+--h~=b_O<::"_+-.."....I!"'=_-_I_#':...j

.3+---+--+....;<IL1...,hY-f~A_-++_"7~-_+"7'__++_1

G

6

.5

.4

G .3

Ii

.2

.1

VARIATION OF LOADING COEFFICIENT WITH FLAP SPAN
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I I I A = 0.586ACTUAL FLAP SPAN
= 47.35°AIJ
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"" - = 3.87

~
K

" !'...
I-.. ......

~-'" r--.....
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VARIATION OF SPANWISE LOADING COEFFICIENT
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Step 2. Detennine the incremental section lift coefficient as a function of span station 1).

2b G
- - 0100 (Equation6.1.5.1-e)
c 0

Llc~ = 0.927 (Sample Problem I, Paragraph A, Section 6.1.4.1)

010 =
(c~O)OI

(Equation 6.1.1.I-b)
(c~OI)O

Llc~ 0.927
-0.392= =

(c~OI)O0 22.1
(6.13) 57.3

INCREMENTAL SECTION LIFT COEFFICIENT

(~~ - 0.58 (~~ • 0.10

.S!.. 01 00 <

.2bciltJ,~0 Local Chord

1) 0- 0 (rodl (ftl Eq.6.1.5.1.<

0 0.404 0.180 0.224 -0.151 11.315 0.203

1), 0.404 0.163 0.241 10.847 0.228

.2 0.404 0.103 0.301 10.379 0.297

.3 0.405 0.057 0.348 9.911 0.360

.4 0.386 0.045 0.341 9.443 0.370

.5 0.344 0.036 0.3OIl 8.975 0.352

'lo 0.265 0.031 0.234 8.600 0.279

.5 0.250 0.030 0.220 8.507 0.265

.7 0.180 0.025 0.155 8.039 0.198

.s 0.129 0.021 0.108 7.571 0.146

.9 0.088 0-016 0.072 7.103 0.104

1.0 0 0 0 6.636 0

Step 3. Detennine the chordwise center-of-pressure location xc.p. for stations across the span.

= 0.665 (Figure6.1.5.1-67.b)

tanAb = tan A 14'~ (x _0.25)(I-X) (Equation6.1.5.I·g)c A c.P·b I +X
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4 (0.414)= 1.0856· - (0.665 - 0.25) --
3.78 1.586

Ab = tan,l (0.9710) = 44.150

cos Ab = 0.7175

cos2 Ab = 0.5148

= 0.9710

(Equation 6.1.5.1-f)

= tan-I ( tan 22.1 :) = tan-1 (0.5660) = 29.5 0

cos 44.15

= -{).205 (Figure6.1.2.1-35b at 6' and cf/c)

CHORDWISE CENTER·Of·PRESSURE LOCATION

FLAPPED SECTION ADJACENT TO FLAP ENDS. Ll.1]< I 0.20 I

® ® @ @ @ @ @

Ll.c

(~~.J~~
mf • •c c111.-0

c.p. e.p.
111.-0 Flapped

@ Ll.1]< 10.20 I
(j)!cos2 A b -0.205 Section K of 0.25-@@

xC•Po

1] <ID 0.25·0 Fi90 6.1.5.1·67a flap Eq.6.1.5.1-j SummaryEq.6.1.5.1-h

0 - - - 0.33 -0.463 0,403 0.403

1], 0.443 --0.463 0.713 -- -- - - - 0.713

.2 0.577 -0.355 0.605 -- --- - - 0.605

.3 0.699 -0.293 0.543 -- --- -- 0.543

.4 0.719 -0.285 0.535 -- -- . - - 0.535

.5 0.6B4 -0.300 0.550 -- - -- - - 0.550

1]0 0.542 -0.378 0.628 -- - -- - . 0.628
.

.6 - - --- - - 0.955 -0.378 0.611 0.6 1 1

.7 -- .-- - - 0.210 -0.378 0.329 0.329

I
.8 -- - .- -- -- -- - - - 0.250 I

.9 0.250
I-- - -- -- -- -- - --

1.0 -- --- -- -- --- _. 0.250
'---

The calculated variation of chordwise center-of·pre~ure location for stations across the span is
plotted in Sketch (j)
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VARIAnON OF CHORDWISE CENTER-QF-PRESSURE LOCAnON
SKETCH (j)

Solution:

o
o .2 .4 .6 .8 1.0

x

C

@

tan
C(XC•P. - 0.25)

Ac/4 + C (Equation 6.1.5.1- j)

C
C- AcCoy ~ C

(xcp - .251 = • m,
® ® - b/2 A [e~ .25]@

c -10@ @! Al1
71 B:9ii - ( 11 - 711 T tan c/4 @+@9.09 Eq.6.1.5.1-k

0 1.260 1.245 -0.924 0.190 -0.734 0.00939

71; 1.208 1.193 -0.721 0.552 -0.169 0.00465

.2 1.156 1.142 -0.519 0.405 -0.114 0.00391

.3 1.104 1.090 -0.316 0.319 0.003 -0.00012

.4 1.051 1.039 -0.113 0.296 0.183 -0.00712

.5 0.999 0.987 0.089 0.296 0.385 -0.01354

11 0
0.958 0.946 0.251 0.358 0.609 -

.6 0.947 0.938 0.292 0.338 0.630 -0.01581

.7 0.895 0.884 0.494 0.070 0.564 -0.00999

.8 0.843 0.833 0.697 0 0.697 -0.00858

.9 0.791 0.781 0.899 0 0.899 -0.00740

1.0 0.739 0.730 1.102 0 1.102 0

Ac • ~ • -0.0473m,
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This compares with a test value of DoCmr : -0.040 from Reference 13.

3. Krueger Leading-Edge Flap

Given: The sweptback wing-body configuration of Reference 35 with a leading-edge. Krueger flap.

8f : 33.3·

SECfION A-A

Wing Characteristics:

A : 0.383A : 5.1

C, : 42.36 in.

Yo : 31.81 in.

b/2 : 74.75 in.

C, : 16.24 in.

II.c/4 : 45.350

Sw : 30.35 ft2 c: 31.22 in.

Flap Characteristics:

Krueger leading-edge flap

Constant flap chord

Additional Characteristics:

M : 0.14; Il : 0.99

crlLE : 3.05 in.

'7; : 0.50

R : 6 x 106,

c· 0ur1LF : 33.3

'7
0

: 0.975

Xm : 42.79 in. (aft of wing apex) Cm : -0.040 (flaps retracted)

-6
f

is defined according to Figure 6.1.1.1~51. not 8S defined in Reference 35.
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Compute:

Determine c'

Cf
'lE

Cf =
lE cosh

lE

3.05
= = 4.53 in.

0.6727

C = c
r
~ 1'/ (c

r
- cl) (see Section 2.2.2)

At 1'/i' C = 42.36 ~ (0.50) (42.36 ~ 16.24) = 29.30 in.

C' = C + cf = 29.30 + 4.53 = 33.83 in.

At 1'/0' C = 42.36 - (0.975) (42.36 - 16.24) = 16.89 in.

c' :;;;; 16.89 + 4.53 :;;;; 21.42 in.

(C').O 21.42
Af = -- = -- = 0.633

(c')'i 33.83

(Section 2.2.2)

= 3. 33.83 (I + 0.633 + 0.633
2

)
3 ( ) 1 + 0.633

= 28.09 in.

Determine Cm~LE and c.~ (assuming constant fIap-to-ehord ratio)

4.53
= -- = 0.161

28.09

em; lE = -0.00127 per deg (Figure 6.1.2.1-36)

C.~ = -0.00320 per deg (Figure 6.1.1.1-50)

Determine xlE

1 (I + 2Af )
y-' = - (a1'/)(b/2) + (1'/- )(b/2)

c 3 I+A'
f

(Section 2.2.2)

= ~ (0.975 _. 0.50)(74.75) (I + 2(0.633») + 0.5(74.75)
3 1 + 0.633 I

= 16.42+.l7. .l75 = 53.80in.
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= 53.80 (1.0998) - 4.53

= 54.64 in.

Determine Sw f

= (33.83 + 21.42)(0.975 - 0.50)(74.75)

= 1961.72 in.2 = 19.62 ft2

Determine 6f (streamwise)

6f = tan- 1 (tan 6fiLE cos ALE) (Equation 6.I.5.I-d)

= tan- 1 [(0.6569)(0.6727))

= 23.840 (streamwise)

Determine c

At flc', c = (Section 2.2.2)

53.80
= 42.36 - 74.75 (42.36 - 16.24) = 23.56 in.

Solution:

+ ICm [(~) 2 - 1] + 0.75 CL (~)(~ - 1)\ A,! (Equation 6.1.5.1-2)

= {(_0.00127)(28.09) + (42.79 _ 54.64) (~0.o0320)1 GG(23.84)
31.22 31.22 31.22 j 30.35

1 [( 28.09)2] (28.09) (28.09 ) !+ (-0.040) -2- -I + 0.75 (0.17) -- --5- - 1 (0.975 - 0.50\
3.56 23.56 23. 6

= (-0.00 114 + 0.00121)(10.70) + (-0.0169 + 0.0293)(0.475)

= 0.00075 + 0.00589

= 0.00664

This compares with a test value of ACm = 0.003 from Reference 35.
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4. Trailing-Edge Jet Flap

Given: The wing with the EBF system shown below.

.......~
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INTERSECTION OF FORW

7
ARD

FLAP CHORD LINE AND
AFT-FLAP CHORD LINE

LEADING EDGE OF AFT FLAP

SECTION B-B
SECTION A-A

.1404c ::;;::1-1_----

SECTION C-C
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A = 7.0 A = 0.3714 b 5.9360 ft

c = 14.84 in.
r

c = 10.8886 in. Sw = 5.0337 ft2

x = 10.72 in. aft of wing apex
e.g.,

t!J.z = -1.922 in. (below MAC quarter-choru'
c.g.

a = 0w CJ
= 3.0 '1, = 0.81 I (from static force-test data)

6ierr = 57.5°

6r2 = 20°

1008020

2

1

O+---....,r---..,..---.---~~----,

3---
TWIST

RELATIVE
TO WING

REFERENCE
PLANE

/I

(deg)

Wing section. k 1 2 3 4

Span station of outboard streamwise cut, "1k
0.1443 0.5076 0.7515 1.0

Span station of inboard streamwise cut, Tlk- 1 0 0.1443 0.5076 0.7515

Leading-edge device None Drooped Slat Slat

leading edge

6 fLE
0 20° 25° 25°

Trailing.edge device None Double-slot Double-slot None

Fowler flap Fowler flap

CfLE/c 0 0.1376 0.1404 0.1404

c'LE /c 1.0 1.019 1.100 1.100

el/e 0 0.3505 0.3505 0

Cz'C 0 0.30110 0.30110 0

esSIe 1.0 1.351 1.432 1.100
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Compute:

Step I. Divide the wing into four sections as indicated in the drawing. The wing-tip is
squared off and the slats extended to avoid definition of additional small wing
sections. It was assumed that blowing affects the entire trailing-edge flap .•

Find SJ = S2 + S3 (the area ahead of the flap)

c, = Xc, = (0.3714)(14.84) = 5.512 in.

At '11' c = 14.84 - 0.1443(14.84 - 5.51) = 13.49 in.

At '12 ' c ,= 14.84 - 0.5076(14.84 -- 5.51) = 10.10 in.

At '13 ' c = 14.84 - 0.7515(14.84 - 5.51) = 7.83 in.

I (13.49+ 10.10)
S2 = "2 12 (0.5076 - 0.1443)(5.9360) = 2.120 ft2

I (10.10+7.83)
S3 = "2 12 (0.7515 - 0.5076')(5.9360) = 1.082 ft 2

SJ = 2.120 + 1.082 = 3.202 ft2

Because of the lengthiness of the calculations for various parameters in Steps 2 through 5, the
calculations for only wing section 2 will be presented in detail. However, the calculated components.
for each wing section are listed in summary tables with the detailed calculations for wing section 2.

·For purposes of illustration only. an additional division, ® in the sketch, is shown. It is made at the intersection of the jet and the
extended flap trailing edge, by assuming that the jet spreading is 12 degrees. If the wing had been equipped with a fun-span trailing
edge flap, division A would have been used as "'3 instead of "'3 - 0.7515.
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Step 2. ACm (section 6.1.2.1. Note, however, that several terms have been redefined in

xm Xf' Xj )
Section 6.\.5.1; e.g., C.' K, -,~, -',and -

c C66 C66

Find (Ae",). f (Wing Section 2)
LE

6fLE = 20
0 I

(given)

CfLE
= 0.1376

c

c. = c•• - CfLE (Equation 6.1. 2. I-g)

0.1376
= \ - -'-:-\--:.3'-:-5":'\

= 0.898\

Sw
C. = CJ 1/, S (Equation 6.1.5.\-0)

J

= (3.0)(0.8\) 5~033;
.20

= 3.820

C
C' = C - (defined in Section 6.1.2.1 Step \a)

IJ IJ en

= 3.820/1.35\

= 2.828

CR•• = \1.6 perrad (Figure 6.1.1.1-49)

CR~ = \1.8 per rad (Figure 6.1.1.1-49)

7.0
= --=

1.35\
5.\81
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[
~ + 2 C' /1< ] C55K - ~

At + 2 + O.604(C' )1/2 + 0.876 C C
~ ~

(Equation 6.1.5.1 -p)

6.1:5.1-36

[
5.181 + 2(2.828)/1< ] 1 1)

= (.35
5.181 + 2 + 0.604(2.828)1/2 + 0.876(2.828)

= 6.981 (1.351)
10.674

= 0.8836

20
= 57.3 (0.8836)(11.6)

= 3.5776

lieLE
Ll.c2 = 57.3 K Ct.. (Equation 6.1.2.1-0

20
= 57.3 (0.8836)(11.8)

= 3.6393

4 ( 1)1->-tan ALE = tan Ac/4 - A - 4' 1+ >- (Section 2.2.2)

= 0.4663 _ ~ (_ .!. ) 1 - 0.3714
7 4 1.3714

= 0.5318



Xm (I +).) A.
c = 1 _). 4" tan ALE (Equation 6.1.5.I-m)

(
1.3714 ) 7

= 1 - 0.3714 '4(0.5318)

= 2.0304

= 0.245 (Figure 6.1.2.1-37)
c••

X••c.
- = 0.215 (Figure 6.1.2.1-37)
c••

Xm ( c~E ) xa C66
xl = -+ --I -- - (Equation 6. 1.2. I-h)

C C C
66

C

= 2.0304+(1.019-1)-0.245(1.351)

= 1.718

•
xm (CLE ) xa.c. C66

x
2

= - + - - 1 - - - (Equation 6.1.2. I-i)
c c c.. c

= 2.0304+ (1.019 - I) - 0.215(1.351)

= 1.759

CfLE
ACm3 = C~ -c- sin 6fLE (Equation 6.1.2.1-j)

= 3.820 (0.1376)(0.3420)

= 0.1798

= (3.5776)(1.718) - (3.6393)(1.759)+ 0.1798

= -0.0754 (for Wing Section 2)
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Wing Section 1 2 3 4

,sfLE (given) 0 20° 25° 25°

cfLE
--(given) 0 0.1376 0.1404 0.1404c

c•
- (From Eq. 6.1.2.111) 0.8981 0.9020 0.8724c

66

C~ IEq.6.1.5.1-o) 0 3.820 3.820 0

c: 0 2.828 2.668 0"
c~ (per racn 11.6 11.4 6.1a (Fig. 6.1.1.1-49)

cli! (per rad) 11.8 11.6 6.3
Q (Fig. 6.1.1.1·49)

At 7.0 5.181 4.888 6.364

K IEq. 6.1.5.1op) 0.7778 0.8836 0.9237 0.8370

.4C1 (Eq. 6.1.2.1~) 3.5776 4.594 2.228

""'2 IEq. 6. 1.2.1-fl 3.6393 4.675 2.301

xm
- CEq. 8.1.5. l-m) 2.0304 2.0304 2.0304c

x•
- CFig. 6.1.2.1-371 0.245 0.246 0.274c66

xLe.
- (F;g. 6.1.2.1-31) 0.215 0.216 0.249c66

x, leo. 6.1.2.1-11) 1.718 1.778 1.829

x2 CEq. 6.1.2.1-i) 1.759 1.821 1.8565

""'m3 (Eq. 6.1.2. l·jI 0.1798 9.2267 0

Col1Cm)6 (Eq. 6.1.2.1-<1' 0 ~.07&4 -0.1183 -0.1968'LE (no LE
d.....)
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Find (~Cm)~

= 0+ 0

Wing Section 1 2 3 4

(kL :iii 8 (from given plot) ?.91 2.30 1.19 -0.42

"K 0.7778 0.8836 0.9237 0.8370

·C2a (per red) 6.3 11.8 11.6 6.3

"L
4C4 '" --K ell (Eq. 6.1.2.1-2) 0.2489 0.4185 0.2225 -0.0386557.3 Q

"C~ 0 3.820 3.820 0

"xm- 2.0304 2.0304 2.0304c

c'
LE

-lgiven) 1.0 1.019 1.100 1.100
c

~cm4 • -c~ em {~E - 1) ]
"L- 0 41.3142 -0.1690 0
57.3

lEo. 6.1.2.1""1

"x
2 1.781 1.759 1.821 1.8565

(4Cm)Cl • .6.C4 )(2 + ~m4 0.4433 0.4219 0.2382 --11.0717

lEO. 6.1.2.1-k1

• From prer.ecllng (4,cm)6 C.IIlcuhlt40ns.
'LE
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Find (f.c,.)6f (Wing Section 2)

n = 2

Forward flap

Cfl = cl + c2 (Sketch (g) Section 6.1.2.1)

= (0.3505 + 0.3080)/1.351

= 0.4874

C = 2.828 (previous (f.c,.)6C calculations)
~ LE

C26fl
= 10.6 perrad (Figure 6.1.1.1-49)

K ~ 0.8836 (see previous table for (f.c,.).)

(Equation 6.1.2.1-0)

= 40 (0.8836)(10.6)
57.3

= 6.538

(
Xfl )
- = 0.402
C.. 2D

(Figure 6.1.2.1-37)

~ = 5.181 (previous (4c,.). c calculations)
LE

6.1.5.1-40

-=
I

-- = 0.1930
5.181



[
(Xc.p)3D 1

= 1.085 (Figure 6.1.5.1-68)
(xc.p)2D 1

Xfl -- (XCf l ) [«xxC
'
P»3DI (Equation 6.1.5 .l-q)

c" "2D c.p. 2D 1

= (0.402)( 1.085)

= 0.436

(Equation 6.1.2.I-q)

= 2.0304 + (1.019 - I) - 0.436(1.351)

= 1.460

Aft flap

0-1

/lf2 = /lieff - 1: /lfi (Equation 6. J.2.I-p)
i=l

= 57.5 -40

= 17.50

Cf2 = c2 (Sketch (g) Section 6.1.2.1)

= 0.3080/1.351

= 0.2280

C'~ = 2.828 (previous (~Cm)'fLE calculations)

C"f2 = 9.5 per rad (Figure 6.1.1.1-49)

K = 0.8836 (see previous table for (~cm)..)
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(Equation 6.1.2.1-0)

= 17.5 (0.8836)(9.5)
57.3

= 2.564

(
Xf2 )-;;- = 0.518
•• 2D

(Figure 6.1.2.1-37)

A" = 5.181 (previous (Aem)'f calculations)
LE

I

At

I= = 0.1930
5.181

[
(Xc.P.l

3D
] = 1.140 (Figure 6.1.5.1-68)

(xC•P.l2D
2

C

Xf2
= (c

Xf2
) [(Xx

C
.
P
)3D] (Equation 6.1.5 .I-q)

•• •• 2D (c.p.l2D 2

= (0.518)( 1.140)

= 0.5905

(Equation 6. I.2. l-q)

6.1.5.1-42

= 2.0304+ (1.019 - I) - 0.5905(1.351)

= 1.252

n

(Aem)'f = 1: (Acs)j(xs)j (Equation 6. 1.2. I-n)
j':l:l

= (6.538)(1.460) + (2.564)(1.252)

= 12.7556 (for Wing Section 2)



Wing Section 1 2 3 4

or:
2.828 2.668"

oK
0.8836 0.9237'

-1/A
t 0.1930 0.2046

ForVllllrd Flap

C'Ib (per rad) 10.6 10.4
" (F;g.6.1.1.1-49)

(ACs) 1 (Eq. 6.1.2.1-0) 6.538 6.706

(X" )- IF;g.6.1.2.1-37·1 0.402 0.400
'Clili 20

CC.•.I3D ] (F;g.6.1.5.1·681 1.085 1.090
(XC.p)2D 1

X"
- IEq. 6.1.5.1·ql 0.436 0.436
c••

(xsl, IEq. 6.1.2.1-<11 1.460 1.5060

. Aft Flap

C'I6 ,per rad) 9.5 9.25'2
IF;g.6.1.1.1-491

(4Cs)2IEq.6.1.2.1-o) 2.564 2.609

('2)- (F;g.6.1.2.1.37) 0.518 0.515
e88 20

['X....I3D ]
IF;g. 6.1.5.1-681 1.140 1.147

(xC.pJ2D 2

*From preceding (ACm)6 calculations
'LE•
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Wing 5ec1lon 1 2 3 4

>'.
- (Eq. 6. 1.5.1-ql 0.&905 0.5907
c66

1..'.IEq. 6. 1.2.1-q1 1.252 1.2845

n

(Acm)6, - L: 1"'''',1>.', 0 12.7556 13.4505 0
lnoTE (noTE,-,
'lops) flaps)

(Equlltion 6.1.2.1-n)

Find (Ae",)6.
I

For 57.5 < 40 + 20, then 6j = 0

6.
AC6 = 5/3 K ~6i (Equation 6. 1.2. 1-s)

= 0 (all wing sections)

(Ae",)6" = AC6 x6 (Equation 6.1.2.1-r)
J

= 0

(Equation 6. 1.2. I-c)

6.L5.1-44

Wing Section 1 2 3 4

l"'cml6 (Eq. 6.1.2.1-<11 0 -0.0754 -0.1183 -0.1968
'LE

lAcml
Q

IEq. 6.1.2.1-kl 0.4433 0.4219 0.2363 -0.0717

fACm) 6
f

fEq. 6.1.2.1·n) 0 12.7558 13.4505 0

(Acm16 IEq. 6. 1.2.1-.1 0 0 0 0
I

ACm tEq. 6.1.2.1-c) 0.4433 13.10 13.57 -0.2685



Step 3. c",m

Wing Section. k 1 2 3 4

~k 0.1443 0.5CJ76 0.7515 1.0

~k-l 0 0.1443 0.5CJ76 0.7515

Kbk Ifj~ 6.1.4.1-151 0.205 0.650 0.880 1.0

Kbk_ 1 Cf;~ 6.1.4.1-151 0 0.205 0.650 0.880

Kbk - Kbk_
1 0.205 0.445 0.230 0.120

4Cm (from preceding Step 2) 0.4433 13.10 13.57 -0.2673

p

c",m = L: ~Cm (Kbk - Kbk_ l ) (Equation 6.1.5.1-s)
k=1

= (0.4433)(0.205)+( 13.1 0)(0.445)+( 13.57)(0.230)+(-0.2673)(0.120)

= 9.009

n

Step 4. C~ = (~cl -~c2 +~c4 +L: (~cS)i+~c6)(Kok-Kbk_ l ) (Equation6.1.5.1-t)
i=l

Wing Section, k 1 2 3 4

-AC
l 0 3.5776 4.594 2228

-AC
2

0 3.6393 4.675 2301

-AC
4

0.2489 0.4185 0.2225' -0.03865

n

0L: (4CSI, 0 6.538+ 6.705+ 0,-, 2564 2.609

·Ac6 0 0 0 0

"(Kbk - Kbt<_l) 0.205 0.445 0.230 0. 120

CAt< IEq. 6.1.5.1-11 0.0510 4.212 2175 -0.01340

0From preceding Step 2

**From preceding Step 3
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Step 5. t.Cm

t.z = -1.922 = -0.1765
C 10.8886

Xm (C \ xc.g.
= - -J--

c c c

(
14.84 )

= 2.0304 10.8886

= 1.783

10.72

10.8886

Wing Section, k 1 2 3 4

CAt< (preceding Step 41 0.0510 4.212 2.175 -0.0134

CJ.I (preceding Step 21 0 3.820 3.820 0

GL
-(preceding Step 2) 0.04014 0.=77
57.3

Sk
- (preceding Step 11 0.4212 0.2150
Sw

~ Sk
C -- 0 0.0646 0.0171 0

• 57.3 Sw

(Equation 6.1.5.I-u)

= 9.009+(0.81)(3.0)(-0.1765)

+{(Q-0.05 10)+(0.0646-4.21 2)+(0.017 1-2. 17S)+[O-(-0.01340)1} (1.783)

= 9.009-0.4289- 11.310

= - 2.729 (based on Sw CW )
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B. TRANSONIC

The following method for the estimation of Cm• at transonic speeds is based on a procedure similar
to that of Reference 6 and is developed empirically from test data of References 7 through 10. The
only readily available test data for pitching-moment effectiveness at transonic speeds are those of
References 7 through 10. Therefore, the method has not been substantiated independently of these
test data.

DATCOM METHOD

A first-order approxImation to the pitching-moment effectiveness at transonic speeds is given by

6.1.5.1-w

where

CL is the lift effectiveness of the control surfaces from the method of Paragraph B of Section
6 6.1.4.1.

X is the distance, in percent of MAC, of the chordwise center-of-pressure location aft of the
c wing moment reference point.

X- =

where

6.1.5.1- X

Xc.p.

cc.p.

is the roll effectiveness of the control surface at M = 0.6, based on
the total wing span with one control deflected. This parameter is
one-half the value of C/ obtained by the method of Paragraph A of

. 6
Section 6.2.1.1.

is the lift effectiveness of the,control surfaces at M = 0.6 from Para
graph A of Section 6.1.4.1.

is the distance, in percent of MAC, from the leading edge of the MAC
to the moment reference point, positive for the moment reference
point aft of the leading edge of the MAC.

is the empirically derived chordwise center-of-pressure location of the
incremental load due to surface deflection, determined by

cc.p.
= (Xc

.
p

\ + uff _0.2)
cC.P}1 'Yc

6.1.5.I-y
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cc.p.

C

where (Xc.p,lcc.P.) I and K are empirically derived factors pre

sented as functions of Mach number and A 14 inFigures6.1.5.1-69a
and 6.1.5.1-691J1 respectively. The flap-chora ratio cflc is measured
in the streamwise direction.

is the wing chord at the spanwise center-of-pressure location, in per
cent of MAC given by

6.1.5.I-Z

where (CI.) and fCL.) are defined above.
U M = 0.6 \ U M = 0.6

The planform parameters of the empirical data used to derive Figures 6. 1.5. 1-69a and 6.1.5.1-69b are:
A = 4.0, X = 0.6, tic = 0.06, 0 $ Ac/4 $ 60°, and a 0.30c plain sealed flap.

Sample Problem

Given: The configuration of Reference 8 with a partial-span plain trailing-edge flap.

Wing Characteristics:

NACA 65A006 airfoil (streamwise)

A = 4.0 b/2 = 4.243 in. A = 0.60

C
xMRP ='4 = 1.183 -= 3.918

Flap Characteristics:

Plain trailing-edge flap eric = 0.30

lIi = 0.57 110 = 1.0 6 = 160 (streamwise)

Additional Characteristics:

M = 0.90 = 0.0014 per deg (test value for semispan model, based on Sw
and bW)

fC, ) = 0.00135 per deg (test value for semispan model, based on SW and bw)
\ 6 M = 0.9

(c ) = 0.0105 per deg (test value for full-span model, based on SW)
. L6 M =0.6
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Compute:

Chordwise center-of-pressure location

cr [ (C'O)M = 0.6 ]
= C I - 4(1 - X) tC

L
)

\ 0 M = 0.6

= 1.183 [I _4(0.4) 0.0014]
0.0105

= 0.931

(Xc
.P.) = 0.880 (Figure 6.1.5.1-69a)

\ cc.p. I

K = -0.690 (Figure 6.1.5.1-69b)

(Equation 6.1.5.I-z)

xc.p.

cc.p.
(

xc.P.) (Cf )= -c- +K 7 -0.2
c.p. I

!Equation 6.1.5.I-Y)

= (0.880) + (-0.690) (0.30 - 0.20)

= 0.811

x b [ I + 2X (C1o)M = 0.6] (xc'P.) cc.p. xMRP
= - - tan ALE - 2 + -- -- - -- (Equation 6.1.5.1-x)

c C 6(1 + X) (CL ) Ccpee-oM = 0.6 ..

= (-3.918) (0.7626) [~:~~ - 2 (~:~~~:)] + (0.811) (0.931) - 0.25

= 0.112 + 0.755 - 0.25

= 0.617

Lift effectiveness at M = 0.9 (Section 6.1.4.1)

= (CL ) (C,0
) (Equation 6.1.4.1- e)

o M=0.6 C'OM=0.6

= 00 0 (0.00135)
. I 5 0.0014

= 0.0101 per deg
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Solution:

cmo- - CLo ~ (Equation 6.1.5.1-w)
c

- - (0.0101)(0.617)

- - 0.00623 per deg
The test value at M = 0.90 from Reference 8 is -0.0065 per degree.

C. SUPERSONIC

The procedure for .estimating trailing-edge control effectiveness at supersonic speeds is based on the
method presented 10 Reference II. The restrictions used in the derivation of the method are listed
below.

I. Leading and trailing edges of the control surface are swept ahead of the Mach lines from the
deflected controls.

2. Control root and tip chords are parallel to the plane of symmetry.

3. Controls are located either at the wing tip or far enough inboard so that the outermost Mach
lines from the deflected controls do not Cross the wing tip.

4. Innermost Mach lines from the deflected controls do not cross the wing root chord.

5. Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips.

6. Controls are not influenced by the tip conical flow from the opposite wing panel or by the
il!teraction of the wing-root Mach cone with the wing tip.

DATCOM METHOD

The pitching-moment effectiveness Cm6 at supersonic speeds for symmetric, straight-sided controls,

based on total wing area and c, is given by

where

~ -~:~)
2

Kl = (I +Xf+Xf )

K2 = (I-~~ ~~ tanARL

K3 = (I-~: ~)
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where (I -~~ tl>-rE) is a thickness correction factor to the supersonic flat-plate derivative.

2
= ,=::== per radian

"M2 - I

("y+ I)M4_4(M2_1)
C2 = per radian

2 (M2_1)2

tl>-rE is the trailing-edge angle in radians, measured·normal to the control hinge line.

"y is the ratio of specific heats,"y = 1.4.

is the control span (both sides of wing).

is the control area (both sides of wing).

is the taper ratio of the control.

is the sweep of the control hinge line.

is the root chord of the control.

is the distance of the leading edge of the control root chord behind the wing axis of pitch.

is the pitching-moment effectiveness of one symmetric, straight-sided control, based on twice
its moment area about the hinge line, from Figures6.1.5.1·70 through 6.1.5.1-73b, according
to the control planform as follows:

(a) Tapered corttrols with outboard edge coincident with wing tip, use Figure
6.1.5.1-70.

(b) Tapered controls with outboard edge not coincident with wing tip, use
Figure6.1.5.1-73a.

(c) Untapered controls with outboard edge coincident with wing tip, use Figure
6.1.5.1-73b.

(d) Untapered controls with outboard edge not coincident with wing tip, use
Figure6.105.\·73a.

is the lift effectiveness of one symmetric, straight-sided control, based on the area of the con
trol, obtained from Paragraph C of Section 6.1.4.1.

is the rolling-moment effectiveness of one symmetric, straight-sided control about its root
chord line, based on the area and span of one control, obtained from Paragraph C of
Section 6.2.1.:.

It should be noted that control deflection angles are measured streamwise.
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For swept-forward wings and controls with inverse taper, see Reference II for the proper values of
c:.., ct. and Ci•.

TItickness correction factors for other than symmetrical, straight-sided controls can be determined
from Reference II.

The computation of pitching-moment effectiveness for leading-edge controls and trailing-edge
controls with subsonic leading edges can be accomplished with the aid of Reference 12.

Not enough test data are available to allow substantiation of the method.

Sample Problem

Given: A wing-control configuration with the following characteristics:

Wing Characteristics:

Sw = 46.5 sq ft

Control Characteristics:

c = 4.0 ft b = 12.0 ft

Symmetric, straight-sided inboard flap

Sf = 4.71 sq ft (both sides of wing) bf = 6.5 ft (both sides of wing)

Af = 0.715

Additional Characteristics:

M = 1.90; fJ = 1.62

Compute:

c
rf

= 0.85 ft Xf= 1.768 ft

2
= = 1.235.JM2 -I

_ h + I) M4 - 4 (M2 - I) _ (2.4)(1.90)4 -4 [0.90)2 - II

- 2(M2 _1)2 - 2[0.90)2_ 1)2
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20.84
= 13.62 = 1.53



= [I _(1.53) (~)] [I + 0.715 + (0.715)21= (0.935)(2.226) = 2.08
1.235 57.3

K2 = (I -~~ 'hE) (tan AHL) = (0.935) (0.5961) = 0.557

K3 = (I -~~ 'hE) = 0.935

tan ATE = 0.5250 = 0.324
Jl 1.62

tan AHL = 0.5961 _ 0368
Jl 1.62·

= -0.0360 per deg (Figure 6.1.5.1-73a)

= -0.0222 per deg

= 0.0750 per deg (Figure6.1.4.1-25)

= 0.0463 per deg

= 0.0340 per deg (Figure 6.2.1.1-28, interpolated)

= 0.0210 per deg

Solution:

I bf Sf xf Sf
C· -K2-- --C', -K3- -- Ci:. (Equation6.1.5.l-aa)

ffi<5 2 C Sw <5 C Sw <5

= (2.08)~ (::~)(~~~~)(-o.0222) - (0.557)~ (::~)(::'~)(O.021O)

(
I.76~<I.71)

-(0.935) 4.0~ (0.0463)

= (-0.000457) - (0.000963) - (0.00194)

= -0.00336 per deg
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TABLE 6.1.5.1·A
EFFECT OF FLAP OEFLECTION ON PITCHING MOMENT

DATA SUMMARY AND SUBSTANTIATION
METHOD 1 SUBSONIC

Ref. A , AC/ 4
tic

Flap " ("Cm)., ("C~., ~(~Cm)6f
ldeg) TVpe (deg)

calc. test cal c.-test

13 3.78 0.586 47.35 0.06 Plain 30 -0.065 -0.04 -0.025

+ ~ + f + ~ 45 -0.087 -0.05 -0.037
14 3.5 0.3 45 0.10 Double Sioned 50 -0.370 -0.280 -0.090

Unpub. 6.8 0.3 35 0.115 Double Sioned 45 -0.351 -0.418 0.067data
15 2.0 0 56.3 0.05 Plain 59 -0.258 -0.185 -0.073
16 2.31 0 52.4 0.03 Plain 30 -0.146 -0.196 0.050
17 3.0 0.143 36.9 0.10 Split 60 -0.228 -0.184 -0.044
18 4.5 0.25 45 0.14 Split 60 -0.091 -0.103 0.012

~ 3.0 ~ + f ~ t -0.150 -0.123 -0.027
19 2.0 0.33 36.87 0.05 Single Slotted 40 -0.329 -0.263 -0.066

+ ~ 0.20 45 t ~ ~ -0.330 -0.260 -0.070
20 2.31 0 52.4 0.03 Plam 54 -0.254 -0.165 -0.089

1 ! ! ! ! Split 60 -0.154 -0.164 0.010

I Single Slotted 59.75 -0.252 -0.172 -0.080
Double Sloned 64 -0.547 -0.413 -0.134

21 2.31 0 52.4 0.03 Single Slotted 40.3 -0.249 -0.336 0.087
21 2.31 0 52.4 0.03 Double Slotted 61.3 -0.440 -0.622 0.182
22 3.5 0.5 44.9 0.074 Plain 52.2 -0.092 -0.072 -0.020

+ t t + f t f -0.329 -0.183 -0.146
23 2.5 0.625 5.27 0.06 Plain 50 -0.031 -0.099 0.058

t + ~ t ~ + t -0.221 -0.151 -0.070
24 8.0 0.45 45 0.12 Split 50 -0.068 -0.008 -0.060
25 4.0 0 36.9 0.05 Single Slotted 40 -0.244 -0.153 -0.091
26 9.86 0.5 0 0.17 Plain 40 -0.080 -0.170 0.090
27 4.0 0.5 40 0.08 Plain 41.7 -0.063 -0.060 -0.003
28 2.88 0.625 50.24 0.08 Split 48.1 -0.033 -0.021 -0.012

! ! ! ! ! ! 1
-0.072 -0.082 0.010
-0.048 -0.021 -0.027
-0.121 -0.090 -0.041

29 5.1 0.383 45.35 0.075 Split 50.8 -0.028 -0.020 -0.008

! 6.0 0.313 j ! t + -0.039 -0.027 -0.012
5.1 0.383 Double Slotted 36f -0.114 -0.050 -0.064
6.0 0.313 ~ -0.078 -0.087 0.009

30 2.84 0.616 49.9 0.053 Split 13 -0.103 -0.135 0.032

t + ~ t f f -0.029 -0.033 0.Q04
31 10.0 0.4 40 0.10

Spit 23.88 -0.023 <0.010 -0.033

t ~ f f ~ 53 <0.027 <0.039 -0.012
32 5.1 0.383 44.6 0.075 Single Slotted 30.7 -0.063 -0.074 0.011
33 2.31 0 52.4 0.03 DOUble Slotted 40.3 -0.303 -0.328 0.025
34 2.0 0 56.3 0.05 Split 44.5 -0.229 -0.174 -0.055
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6.1.5.2 WING DERIVATIVE Cma WITH HIGH-LIFT AND CONTROL DEVICES

Mechanical Flaps

According to lifting-line or lifting-surface theory, camber, such as that due to flaps, does not affect
the variation of pitching moment with angle of attack over the region where thefe is no flow
separation. The theory is substantiated by experiment over the linear angle-<>f.attack and
flap-deflection ranges (References I and 2).

Theoretically, the pitching-moment-curve slope of both wings and airfoils is affected by leading
and/or trailing-edge flaps that extend beyond the basic airfoil chord. However, the changes in Cma
for airfoils (as predicted by linear theory) cannot be substantiated with test data (see
Section 6.1.2.2). In addition, the effect of extended flaps on Cma for a wing of finite aspect ratio
is not treated in detail in any of the literature surveyed for Datcom. Therefore, no method is
presented to account for the effects of extended flaps on Cma.

Jet Flaps

The aerodynamic-center location for a wing with a jet flap is dependent upon the trailing-edge jet
momentum coefficient C. and upon the extent to which leading- and trailing-edge flaps extend
beyond the basic wing.

Considerations of clarity and simplicity of presentation dictated a deviation from normal Datcom
}lractice in that the effect of jet flaps on Cma was included in Section 6.1.5.1, which deals with
the pitching-moment increment aCm.

DATCOM METHOD

I. Mechanical Flaps

The variation of wing pitching moment with angle of attack for various flap deflections is assumed
to be the same as that for zero flap deflection over the linear-lift range (see Section 6.1.3,
particularly Figure 6.1.3-2).

2. Jet Flaps

The variation of pitching moment with angle of attack for wings eqUipped with jet flaps is covered
in the jet-flap method of Section 6.1.5.1. The range of applicability and the limitations of the
method are discussed there and in Sections 6.1.1.1 and 6.1.2.1.

REFERENCES

1. Boyd. J. W.. lnet Pryl. F. A.: Experimental Investigation of AerodYnamically Bel,nced Trailing-Edge Control Surf..., on an
_ Rollo 2 Trl""gul.. Wing It SUb....le and Supononle Spood.. NACA RM A52L04, 1953. lUI

2. Furlong. G. C. nd McHugh. J. G.: A Summery and Anliysi' of the Low-Speed Longitudinal Characteristics of Swept Wings at
HighRovn_ -. NACATR 13311,19&7. lUI
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6.1.6 HINGE MOMENTS OF HIGH-LIFT AND CONTROL DEVICES

This section presents approximate methods for determining hinge-moment derivatives at subsonic
and supersonic speeds. At subsonic speeds the method, based on lifting-line theory, is believed to be
of sufficient accuracy to be used for preliminary-design ,"ark. This method is best s\lited for
higher-aspect-ratio wings.

The methods presented for supersonic speeds have one stringent restriction: the leading edges of the
wing planform must be swept ahead of the Mach lines. The methods are based on conical-flow
solutions. Since hinge-moment variation with Mach number at transonic speeds becomes somewhat
erratic. no method is presented for calculating transonic hinge moments. However, some trends in
the transonic range can be noted from References I through 4. As the critical Mach number is
passed, a shock forms on the upper surface of the airfoil and moves rearward with increasing Mach
number. The airfoil pressure distribution changes from one that is approximately triangular, with a
peak ne.gative pressure forward, to one more nearly rectangular, with lower pressures at the trailing
edge. In general, this .causes hinge moments to become more negative. Sketch (aJ presents some
typical hinge-moment-derivative variations with Mach number.

It should be noted that in the more normal or stable case, where Ch and Ch are negative at
a ,

subsonic speeds, hinge-moment derivatives decrease in a somewhat regular fashion through the
transonic range and then increase slightly to their supersonic value. Most of the very erratic
variations of Ch and Ch occur when these values are near zero or positive at subsonic speeds. It

a ,

can also be seen that in the transonic region some hinge-moment derivatives can change sign.
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REFERENCES

,. Thompson, R. F.: Investigation of a 42.7° Sweptback Wing Model to Determine the Effects of Trailing· Edge Thickness on the
Aileron Hinge-Moment and Flutter Characteristics at Transonic Speeds. NACA AM LSOJ06, 1950. (U)

2. Lord, D. R., and Czarnecki, K. R.: Recent Information on Flap and Tip Controls. NACA RM L53117a, 1953. (U)

3. Thompson, R.F.: HInge..Moment, Lift, and Pitchin~omentCharacteristics of a Flap-Type Control Surface Having Various Hinge
Line locations on a 4-Percent-Thick 600 Delta Wing - Transonic Bump Method. NACA RM L54B08, 1954. (U)

4. Hiner, G.: Transonic Investigation of the Effectiveness and Loading Characteristics of a Flap-Type Aileron With and Without
Paddle B.lances on an Unswept-Wing-Fuselage Model. NACA RM L56B02, 1956. (U)

5.. Runckel. J. F., and Hi.." G.: Normal-Force and Hinge-Moment Characteristics at Transonic Speeds of Flap-Type Ailerons at
Three Spanwlse Locations on a 4-Percent-thkk Sweptback·Wing- .. Body Model and Pressure-Distribution Measurements on an
Inboard Aileron. NACA RM L57123, 1957. CU)
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6.1.6.1 HINGE-MOMENT DERIVATiVE Ch OF HIGH·LIFT AND CONTROL DEVICES
•

A. SUBSONIC

The hinge-moment derivative due to angle of attack can be approximated from the method of
Reference I. The method is based on lifting-line theory, with additional lifting-surface corrections
to account for sweep.

The method is based on equations in terms of section parameters; therefore, the accuracy of the
method is dependent up'Jn the accuracy with which the section characteristics can be estimated.
Test data on the particular airfoil-flap combination under consideration or one closely resembling it
should always be preferred to characteristics obtained from generalized methods. Calculated values
and test data for several different configurations are presented in Table 6.1.6.I-A to illustrate the
accuracy of the method and summarize available test data.

The method is directly applicable to control surfaces having constant chord ratios and constant
airfoil contours across the span. For configurations with variable chord ratios or variable airfoil
contours across the span, it is suggested that average values of the section characteristics be used.
Furthermore, the accuracy of the method in predicting the effects of finite-wing parameters
decreases as the wing aspect ratio decreases. Application of the method to wings with aspect ratios
of three or less should be avoided.

Experimental data have shown that for sweptback wings the shape of the ends of the control
surface can have a critical effect on the hinge-moment parameters. The Datcom method is
applicable to controls with the control-surface ends cut parallel to the plane of symmetry. For
configurations with wing cutouts, or with control surfaces that do not have ends parallel to the
plane of symmetry, it is suggested that empirical procedures be used to estimate Ch•

The effect of subcritical Mach-number corrections on hinge moments appears to be small for
control surfaces having trailing-edge angles less than approximately 12° Therefore the Datcom
method, which neglects subcritical Mach-number effects, may be applied over a large portion of the
subcritical Mach-number range.

DATCOM METHOD

The hinge-moment derivative due to angle of attack of a sealed, plain trailing-edge control at
subsonic speeds, based on the product of the control-surface area and the control-surface chord
Sece (area and chord aft of the hinge line), is approximated by

where

A cos Ae/4

~. = A + 2 cos Ae/
4

(~ ) + .o.Ch
Cl balance Cl

6.1.6.1-a

6.1.6.1-1

is the section hinge-moment derivative due to angle of attack. Test data on the
particular flapped airfoil are preferred, but the derivative can be approxu;nated
by the method of Paragraph A of Section 6.1.3.1. (This term could be c h or

•
c."h from Section 6.1.3.1.)

•



from FigureIt is obtained by multiplying the quantity

is an approximate lifting-surface correction which accounts for induced-eamber effects.
aCh a

6.1 .6.1-19a, by its denominator

where

c,
a

is the airfoil section lift-curve slope obtained by using the method of Section
4.1.1.2.

B2 accounts for the effect of control-surface and balance chord ratios. This
parameter is obtained from Figure 6.1.6.1-19c. The primed values of the
control-surface and balance chord ratios, used in reading Figure 6.1.6.1-19c,
refer to measurements normal to the wing quarter-chord line.

Ka accounts for the effect of control-surface span. This parameter is defined by

(K) (I - 1/.) - (K) (I - 1/ )
Dr:f1j I 0:11 0 0

6.1.6.I-b

where

is the inboard span station of the control,
inboard span ordinate

1/; =. b/2

is obtained from Figure 6.1.6.1-19b as a function of the inboard
spanwise location (1/j) of the control panel.

is the outboard span station of the control,
outboard span ordinate

1/0 = ----'b-'/2----

is obtained from Figure 6.1.6.1-19b as a function of the
outboard spanwise location (1/0) of the control panel.

Sample Problem

Given: Tbe flapped wing confJ.guration ofReference 8

Wing Characteristics:

A = 3.43 x = 0.44

tIc = 0.086 (streamwise)
tP~E

tan - = 0.0697 (streamwise)
2
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4>~
tan - = 0.0523 (streamwise)

2

Flap Characteristics:

Plain trailing-edge flap Sealed gap

NACA 65-012 airfoil (normal
to .50c of unswept wing)

1\ = 41 0
HL

cr/c = 0.167 (streamwise)

= 0.090 (streamwise)

tcf<2c f )= 0.0\10 (streamwise)

7"/; = 0.586

Additional Characteristics:

c~/c' = 0.20 (normal to .25c)

= 0.115 (normal to .25c)

Round-nosed control

" = 0.99"0

Low speed

Compute:

Section hinge-moment derivative ch (Section 6.1.3.1)
e<

(
C

h
) = -0.384 per rad (figure 6.1.3.1 -II b)

a theory

cQ
e<

0.855=
(cQe<) theory

C'
he<

0.600=
(Che<) theory

(Figure 4.1.1.2 -8a)

(Figure 6.1.3.1-lla)

c' = [ C~e<] (C) (Equation 6.1.3.I-a)
he< (Ch e<) theory he< theory

= (0.600)(-0.384) = -0. 230 per rad

(CQ) = 6.715 perrad
. e< theory

(figure 4.1.1.2 -8b)

Balance ratio = = 0 (Equation 6.1.3.1-<1)

(C) I"ha balance Cha
= 1.0 (figure 6.1.3.1-12a)

6.1.6.1 -3



= c' + 2 (c~ )
ha ex theory ( ~" )

tan ~-: (Equation 6.1.3. I-b)

= -0.230+ 2 (6.715) [I - 0.855] (0.0523 - 0.086)

= -0.296 per rad = -0.00516 per deg

- c" [(C) Ic" 1 (Equation 6.1.3.1-c)- h Q hOt'. balance ha

=- 0.00516 per deg

(c~ ) (Equation 4.1.1.2-a)
CIt'. theory

= (
1.05)TO (0.855)(6.715)

= 6.03 per rad

= 0.105perdeg

B2 = 0.885 (Figure 6.1.6.1-19c)

(K) ~2.18}
a' i (Figure 6.1.6.1-19b)

(Ka ). 0 = 4.20

(Equation 6.1.6.I-b)

(2.18) (I - 0.586) - (4.20) (I - 0.99)= ------:-::-:----::--=----'-
0.99 - 0.586

=2.13

c. B2 Ka cos A /4 = (0.105)(0.885)(2.13)(0.66) = 0.1306 perdeg
a C

.o.Ch a
--::----::,.......~,.......- = 0.0125 (Figure 6.1.6.1-19a)
c. B2 Ka cos A

C
/ 4a

.o.Ch = (0.0125)(0.1306) = 0.00163 per deg
a

6.1.6.1-4



Solution:

(Equation 6.1.6.I-a)

= (3.43)(0.6600) (-0.00516)+0.00163
(3.43) + (2) (0.6600)

=-0.00083 per deg

This compares with a test value of -0.0014 per degree from Reference 8.

B. TRANSONIC

No method is available for the prediction of the hinge-moment derivative Ch at transonic speeds.
a

Because of the mixed-flow conditions and interrelated shock-wave and boundary-layer-separation
effects encountered at transonic speeds, the prediction of Ch by theoretical means is extremely

a

difficult. Experimental results for Ch at transonic speeds are presented in References 2 through 5.
a

C. SUPERSONIC

The supersonic three-dimensional hinge moment due to angle of attack can be computed for
trailing-edge control surfaces by the method presented in Reference 6. The method is based on
linearized theory and applies to tapered and untapered trailing-edge control surfaces, with the
following restrictions:

I. Control root and tip chords are parallel to the plane of symmetry.

2. Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips.

3. Controls are not influenced by the tip conical flow from the opposite wing panel or by
the interaction of the wing-root Mach cone with the wing tip.

Calculated values and test data for several different configurations are presented in Table 6.1.6.I-B
to illustrate the accuracy of the method and summarize available test data.

For leading-edge control surfaces or for trailing-edge control surfaces with subsonic leading edges,
reverse-flow techniques (see Reference 7) can be used.

DATCOM METHOD

The'method consists of determining the pressure-area-moment for an infinitely thin flat-plate
control by assuming two-dimensional loading and then subtracting the losses in loading resulting
from the interference of the wing-root and wing-tip conical flows.

Combinations of wing-root and wing-tip conical-flow cases for a typical wing-planform-control
configuration are illustrated by the relative positions of the Mach lines in Sketch (a).

6.1.6.1-5



CASES CASES
CASE

1 CASE

2 6
,

3 4

5 5

6
3

2 4

ROOT MACH CONE TIP MACH CONE

SKETCH (a)

For a given Mach number and wing-control combination (which determines the wing-root and
wing-tip conical-flow case), the conical-flow losses are obtained by dividing the conical regions into
a series of triangular segments, each having its origin at the apex of the Mach cone, and summing the
loss in pressure-area-moment P'St x for those segments. The procedure to be followed in summing
P'St x for the triangular segments is illustrated for the most general wing-root and wing-tip
conical-flow case (Case I) in Figure 6.1.6.1-21. Table 6.1.6.1-C is a general computing form for
summing a pressure-area-moment parameter representing a loss in loading from the two-dimensional
loading of the triangular segments of the conical-flow region defined by Case I.

Figure 6.1.6.1-21 and Table 6.1.6.1-C can be adapted to compute the pressure-area-moment
parameter for wing-root and wing-tip conical-flow Cases 2 through 5 by determining the proper
regions that will be affected by the Mach cones. For wing-root and wing-tip conical-flow Case 6,
thac is no loss in loading from the two-dimensional loading value.

The hinge-moment derivative Ch at supersonic speeds for a symmetric, straight-sided control,
~

based on the product of the control-surface area and the control-surface chord Sc Cc (area and chord
aft of hinge line), is given by

6.1.6.I-c

where

(I -~: 4JTE) is a thickness correction factor to the supersonic flat-plate derivative.

2
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('Y + I) M4
- 4 (M 2 - I)

;

2 (M2 - 1)2
per radian

<PTE is the trailing-edge angle in radians, measured normal to the control hinge line.

'Y is the ratio of specific heats, 'Y; 1.4.

For a symmetrical biconvex airfoil the thickness correction factor in Equation 6.1.6.I-c is

where

is the maximum airfoil-thickness ratio, measured in a plane normal to the control
hinge axis.

is the chordwise location of the control hinge axis, measured in a plane normal to
the control hinge axis.

Thickness correction factors for other airfoil sections can be determined from Reference 6.

(Ch ) is the supersonic flat-plate hinge-moment derivative.
ex tl c = 0

The procedure for calculating (C
hex

) is outlined in the following steps:
tic = 0

Step I. Construct the wing-root and wing-tip Mach lines on a layout of the wing-control con
figuration, and'determine the wing-root and wing-tip conical-flow case by referring
to Sketch (a).

If the wing-root and wing-tip conical-flow case isCase 6, there is no loss of loading
from the two-dimensional value. For this case calculate {3 and g as presented in
Step 2, then

-2

57.3{3 !l7 (per degree) 6.1.6.I-d

Step 2. Compute the following geometric and Mach-number parameters (see Sketch (b»):

g ;

6.1.6.1-7



a =

K = fly
I 0

K = {l (y )2
5 0

2

,
I

-f c~ 10-

• .....--n_ C
f

b!- ... r =t-ALE Yo

AHL1rAT~ ... Yi

•

M

d =

K = {l (~ - Y)3 2 I

K={l(~-y)
4 2 0

I
K6= -::-{l(-:-:-1---:':d)

I
K=--

1 {l (1 - a)

K = {l(y.)2
8 I

K = {l (b _ Y.) 2
9 2 I

SKETCH (b)

I= L-'....:-_

{l (1 + d)

I
K

ll
=

{l (1 + a)

Step 3. Determine the regions (triangular segments numbered (i) through ® on Figure 6.1.6.1-21)
that are affected by the wing-root and wing-tip conical.:n'ow case determined in Step I.

The regions affected for each case are:

Conical-Flow Case Wing-Root and Wing-Tip Conical
(Sketch (a) ) Flow Regions Affected

I 1,2,3,4,5,6, 7, 8

2 1,3,4, 5, 7, 8

3 3,5,7,8

4 1,3,4,7

5 3, 7

6 None

6.1.6.1-8



Step 4.

Step 5.

Calculate the pressure-area-moment parameter representing a loss in loading from the two
dimensional loading value for each of the wing-root and wing-tip conical-flow regions affected
by using the computing procedure presented inTable 6.1.6.1-C.

Sum the values of the pressure-area-moment parameter calculated in Step 4 for the affected
regions and obtain (Ch ) by

"'l/c=O r
-2 \ ~p' (3x J I + (32 a

2
) 2SL

(
c ) I (per deg) 6.1.6.I-e

h", tic = 0 : 57.3{3~ - 2M. 13J I +{32 a21

where

6.1.6.I-f

for tapered controls, and

6.1.6.I-g

for untapered controls.

SYMBOLS AND DEFINITIONS USED IN COMPUTATION OF (C
h

)

a tic = 0

,
n,r

p'

tc.p.

nondimensional coordinates use.A.in integration of wing-root and wing-tip conical pressures.
Equations are given in column U) ofTable 6.1.6.I-C for calculating nand r'. Values of n
are required to enter the design charts for p' and t for conical-flowRegions 3,4,5, and 6.
Values of r' are required to enter the design charts'i'd'" p' and t for conical-flowRegions
1,2,7,and8. c.p.

the loss of loading of the average value of the local pressure ratio (C!C ) over the conical-
p Po

flow region. This parameter is obtained from Figure 6.1.6.1-22 for conical-flow regions inter
secting the wing-root Mach cone and from Figure 6.1.6.1-34 for conical-flow regions inter
secting the wing-tip Mach cone.

Cp is the pressure coefficient (~p!q) for a three-dimensional wing.

Cp is the two-dimensional pressure coefficient.
o

nondimensional parameter used in calculating the moment-arm parameter 3x JI + {32 a2.
t is obtained from Figure 6.1.6.1-22 for conical-flow regions intersecting the wing-root
tJiI'ch cone and from Figure 6.1.6.1 -34 for conical-flow regions intersecting the wing-tip
Mach cone.
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x distance of the center of loading of a conical-flow region from the control hinge axis
measured normal to the hinge axis (see Sketch (c». Equations are given inColumn @ of

Table 6.1.6.I-C for calculating the moment-arm parameter 3x J I + (32 a2 for the appropriate
conical-flow region; hence, explicit values of x are not required.

CENTER OF
PRESSURE OF
CONICAL-FLOW
REGION

SKETCH (c)

/

T angle of a ray in the conical-flow field which passes through the center ofc.p_
pressure.

T angle denoting an arbitrary position of the ray in the conical-flow fIeld.

area of a loaded region. Equations are given inColumn CD ofTable 6.1.6.I-C for determining
2SL ·

area moment of a control surface about its hinge axis.

( ce t be
M = r. cosA (;\2 +;\ +1)

a 6 HL e r

where ;\e is the control-surface taper ratio.

11 arigle of sweep of the line intersecting conical-flow regions of the wing at angle of attack. In
reading values of p' and t c .p. from Figures 6.1.6.1-22athrough 6.1.6.1-22j,and from
Figures 6.1.6.1-34a through 6.1.6.1-34d, 11 = AHL for conical-flowRegions 5 and 6, and

11 = ~ for conical-flowRegions 3 and 4.

The sample problem below illustrates use of the method for obtaining (C
ha

)

tic· 0
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Sample Problem

Given: A wing-control configuration with the following characteristics:

A = 6.19 A = 0.55 b/2 6.0 ft
a

= ALE = 41.9

a A HL = 30.850 c = 2.75 ft c = 5.0 ft
ArE = 27.57 t ,

x = 2.20 ft x, = 4.0 ft cf = 0.606 ft cf = 0.850 ftI t r

bf = 3.25 ft Yj = 2.0 ft Yo = 5.25 ft

Additional Characteristics:

M = 1.80; il = 1.4967

Compute:

Step I. Determine the wing-root and wing-tip conical-flow case.

l/p
M = 1.80 ~4r"l0,y•

'v~ ~~t,v.

~ <~~
o~

7 = sin- l I I) = sin- l C.180)Il \"M
Il = 33.750

From Sketch (a) (Page 6.1.6.1-6):

Root caSe: 3

Tip case: 3

Step 2. Compute the required geometric and Mach-number parameters.

tan ALE 0.8972·
0.5995g = = =

il 1.4967

tan AHL 0.5973
0.3991a = = =

il 1.4967

tan Are 0.5221
0.3488d = = =

il 1.4967
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K, = IJYo = (1.4967) (5.25) = 7.8577 ft

K2 = IJY; = (1.4967) (2.0) = 2.9934 ft

K) = IJ( ~ - Yi ) = (1.4967) (6.0 - 2.0) = 5.9868 ft

K4 = IJG - Yo) = (1.4967)(6.0 - 5.25) = 1.1225 ft

K =1J(y)2= (1.4967) (5.25)2 = 41.2528 sq ft5 . 0

I I
K

6 = = = 1.0260
IJ(I - d) (1.4967) (I - 0.3488)

I I
K7

= = 1.1119IJ(I - a) (1.4967) (I - 0.3991)

Kg = IJ(YiY = (1.4967) (2.0)2 = 5.9868 sq ft

K9 = IJ (~ - y
i
)2 = (1.4967)(6.0 - 2.0)2 = 23.9472 sq ft

I I
KIO = = (1.4967) (I + 0.3488) = 0.4954IJ(I + d)

I I = 0.4775KJI = = (1.4967) (I + 0.3991)IJ(I + a)

K12 = IJ(~ - Yor = (1.4967)(6.0-5.25)2 = 0.8419sqft

Step 3. Determine the wing-root and wing-tip conical-flow regions affected.

From the chart of Step 3 of the Datcom method the affected wing-root and wing-tip conical-flow
regions are: 3,5.7. and X.

Step 4. Using the computing form, presented asTable 6.1.6.I-C, calculate the pressure-area-moment
parameter representing a loss in loading from the two-dimensional loading value of the
affected conical-flowRegions.
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(i) (2) (3) (4) G). (6)

Conical-
, p'. t 3x jl+1l2• 2 2SL p' (3X )1 +1l,2& 2SLnorr r0 c.p.

5eeColumnG) seeco!umn0Flow SeeColum 1 SeeTable SeaTable 0~5
Region Table 6.1.6.1·C 6.1.6.1-C 6.1.6.1-C Table 6.1.6.1·C Table 6.1.6.1-e lcu )

w
-10.085z 3 0.6101 0.258 0.736 -2.4978 15.649

0
u
J: 5 0.5503 0.245 - 4.00 9.7901 9.5943u«
::; 7 1.0191 0.300 0.645 5.1073 6.1011 9.3480
t-
O
0 8 0.7354 0.277 0.695 -5.7755 4.4027 - 7.0435a:

w 3 0.4495 0.280 0.662 -0.9512 1.6840 0.4485z
0
u 5 0.2862 0.224 - 2.20 0.6614 0.3259J:
U« 7 1.1011 0.314 0.609 2.0177 0.9270 0.5873::;...
;:: 8 0.5608 0.236 0.751 -2.7147 0.4721 - 0.3025

~ p' (3X )1+ 1l2l )2SL = ~ 0- 1.9760

Solution:

= 3.25
(0.850)3 - (0.606)3

(0.850) - (0.606)
= 5.22 cu ft

(Equation 6. 1.6. 1-f)

=

=

-2

57.3 Il .[l'7
(Equation 6.1.6.1-e)

= -0.0181 perdeg
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TABLE 6.1.6.1-A

SUBSONIC HINGE-MOMENT OERIVATIVE DUE TO ANGLE OF ATTACK
DATA SUMMARY AND SUBSTANTIATION

Ref. M A Ac/4 A Type of Ch Ch
aC

hControl • • •
(deg) Surface Calc Test Calc-Test

9 0.23 6.0 5.7 I 0.5 Elevator -0.00268 -0.0030 0.0003

10 0.21 4.5 35.3 i 0.5 Elevator -0.00273 -0.0034 0.0007

0.6 I -0.00209 -0.0028 0.0007

0.8 -0.00310 --D.0022 -0.0009

0.85 --D.00365 --D.0016 -0.0021

0.9 --D.00460 -0.0015 --D.0031

11 0.25 3.0 45.6 0.5 Elevator -0.00167 -0.0030 0.0013

I

0.6

I I I I
~0.00145 --D.0030 0.0015

0.8 -0.00231 -0.0027 0.0004

0.9 -0.00360 -0.0025 -0.0011

12 0.55 3.04 35.0 1.0 Flap --0.00211 --D.0057 0.0036

I 0.8

I I I I
-0.00368 -0.0045 0.0008

0.9 --D.00558 --D.0044 ~O.0012

13 0.3 4.785 35.22 0.513 Aileron 0.00296 -0.0024 0.0054

0.6 0.00234 -0.0022 0.0045

0.8 0.00233 0 0.00233

0.85 0.00238 --D.002 0.00438

0.875

I
0.00241 0 0.00241

0.9 0.00249 -0.004 0.00649

0.3 4.65 35.59 0.450 Elevator 0.00154 0 0.00154

0.6

I I I
0.00101 -0.0015 0.0025

0.8 0.000889 -0.0028 0.0037

0.85

I

0.000866 -0.0026 0.0035

0.875
i

I
0.000851 --D.0042 0.0051,

0.9 I 0.000847 -0.0047 0.0055

4 0.7 4.0 4.8 0.5 Aileron -0.00418 -0.(XJ13 -0.0029

I 0.8 I I I I -0.00546 -0.0030 --D.0025
, 0.9 I -0.00842 0.(XJ13 -0.0097

14 0.25 5.515 45.0 0.532 Aileron -0.000982 -0.00244 0.00146

0.8

I I I I
-0.00280 --D.00195 -0.00085

0.9 -0.00392 -0.00280 --D.oo'12

0.25 , -0.000986 -0.00244 0.00145

0.8

I I I I -0.00280 -0.00195 -0.00085

0.9 -0.00393 -0.0028 -0.0011

15 0.6 3.50 60.8 0.25 Elevon -0.000858 -0.0039 0.0030

I 0.9 I I I I -0.00166 -0.0059 0.0042

16 0.328 3.06 38.7 0.49 Aileron -0.000753 -0.0002 -0.0006

I 0.328 I I Aileron 0.000920 0.0011 -0.0002
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TABLE 6.1.6.1·A (CONTD)

Ref. M A '\/4 , Type of Ch Ch dC h
(deg) Control • • •Surface Calc Test Calc·Test

17 0.302 3.06 38.7 0.49 Aileron -0.000713 -0.001 0.0003

0.499

r I I I
-0.00113 -0.001 -0.0001

0.7 -O.CK1184 ~O.OOl -0.0008

0.8 -0.00255 -0.001 -0.0016

8 0.12 3.43 48.6 0.44 Aileron O.Od0427 -0.0024 0.0028

0.000661 -0.0015 0.0022

0.00124 -0.0011 0.0023

-0.000303 -0.0025 0.0022

0.000143 -0.0011 0.0012

I
0.00472 0.0:>15 0.0032

-0.000214 -O.cX115 0.0013

18 0.12 3.58 48.7 0.44 Aileron -0.00141 -0.0035 0.0021

0.0000304 -0.0016 0.0016

0.00351 0.0022 0.0013

-0.00123 -0.0026 0.0014

0.000207 -0.0011 0.0013

0.00369 0.0026 0.0011

-0.000754 -0.0019 0.0011

0.000683 -0.0008 0.0015

0.00417 0.0027 0.0015

19 0.17 4.5 7.6 0.5 Elevator -0.00240 -0.0020 -0.0004

I I I 35.3 I I -0.00158 -0.0021 a.ooos
20 0.12 3.36 13.5 0.4 Flap -0.00186 -0.0016 -0.0003

I I I I
-0.000532 0 -0.0005

-o.CX)118 -0.0003 -0.0009

3.30 40.0 0.4 Flap -0.00581 -0.0028 -{).0030

I I I
-0.000417 -0.0012 0.0008

0.00109 0.0040 -{).0029

0.000920 0.0039 -0.0030

3.36 13.5 0.4 Flap -{).00262 -0.0036 0.0010

-{).000860 -0.0037 0.0028

-0.00169 -{).0038 0.0021

-{).00104 0 -0.00104

OO177סס.0 -{).0002 0.00022

-{).000520 -0.0003 -{).0002

0.000369 0 0.00037

0.000800 0.0006 0.0002

0.000511 0.0004 0.0001

3.36 13.5 0.4 Flap 0.000181 -{).0022 0.0024

0.000626 -{).0034 0.0040

0.000325 -0.0044 0.0047

0.00374 0.001 0.0027

0.00283 0.0013 0.0015

0.00317 0.0008 0.0024

A_age d ICh• - Ch• I" 0.0020

calc test
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TABLE 6.1.6.1-B

SUPERSONIC HINGE-MOMENT DERIVATIVE DUE TO ANGLE OF ATTACK
DATA SUMMARY AND SUBSTANTIATION

Ref. M A "LE A Ch C
h aIC h I

tdeg)
, , ,

Calc Test Calc-Test

21 1.61 3.1 23 0.4 -0.0193 -0.0183 -0.001

22 1.9 4.0 42.7 0.5 ~0.0177 -0.010 ---D.0077

I I I I I ---D.0177 -0.014 -0.0037

23 1.9 1.06 45 0.31 -0.0056 -0.003 -0.0026

24 1.61 3.1 23 0.4 -0.0278 -0.0133 -0.0145

-0.0203 -0.020 -0.0003

-0.0222 -0.019 -0.0032

-0.0193 -0.0175 -0.0018

-0.0215 ~0.023 0.0015

-0.0236 --0.0217 -0.0019

2.01 -0.0168 -0.0163 -0.0005

I -0.0172 -0.015 -0.0022

-0.0154 -0.0146 -0.0008

25 1.59 4.0 42'.7 0.5 -0.0108 -0.012 0.0012

I I I
-0.0108 -0.012 0.0012

-0.0108 -0.013 0.0022

-0.0108 -0.017 0.0062

26 1.93 3.14 9.33 0.59 -0.0127 -0.009 -0.0037

27 4.04 1.33 0 1.0 -0.00479 -0.006 0.00121

28 1.59 1.0 42.7 0.5 -0.0107 -0.0163 0.0056
1.59 1.17 40.6 0.337 -0.0041 -0.0043 0.0002

Ave,sg. alch, - Ch I= 0.00301

calc Q"test
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6.

TABLE 6.1.6.1-C
COMPUTING FORM FOR SUMMING PRESSURE·AREA·MOMENT PARAMETER OF TRIANGULAR

SEGMENTS OF WING·ROOT AND WING·TIP CONICAL·FLOW REGIONS

<!) 0 0 0 0 ®

"(3'.J.:. •~2,2.12SLFigures 'or Ent. Figura Value of
Oe1ermining Conical-Flow .. followi"""

31( J, + 1J2.2
Valulof (2X-X')

Column-Q)&.@ Region ValUI of n or r •• tc,p, 2SL (eu hi

, " 2K, 11 -.tc.P.'

G)<,6.1.6.1 -22k , , ·_·I1·d) -3.
<, , ,

through c.p.
6.1.6.1-221

, •, 2K,11·,c.p .'
2 , • - .(l·a' 3., G)<,

I
<, \:,P.

<2 2c(1-81: ,r c.p.
(!)lcrI2 Ke6.1.6.1-22. 3 " · ,--(t·d) . 3.

" (1 • dt I
,

through c.p.
6.1.6.1-22i

<, 2c (I -.t I
w r c.p.

G)ICr I2KeZ

_

" · ,.-(t-d! 3.,
0 " (1 - dt I

" c.p.
X

" <2<
(2)1)(,12K7

:> 6.1.6.1-22". ,
" · ,--(1-.) - •

>- through •
,

0 ,
0 6.1.6.1-22i
~ <,

6 " · '--II-a' - ·x, 0 x,1
2

K7x,
,, 2K211 -lltc.p .',

G)<S6.t.6.t-22k 7 , · -·It·d) 3x,
through <2 'e,p.
6.1.6.1-22.1.

•, 2K2(1 -lIte.p.',
G)<SS , · - - 11 - II ·3x,

<2 ,'.p.
,, 2K

3
(1 + ate•p .),

(0<.6.1.6.1 -34. , , · - -(l+dl .3)(,
,hroogh <3 'e.p.
6.1.6.1-34f

, x, 2K311 + 81C•p.'

<!)<.2 , · -·11+11 31(, -
<3 ,

c.p.

K
4

11 +d) 2c,ll +8tc.p .l
G)lc

t
,2K,06.1.6.1 -34. 3 " · ,---- .3x

t
through " 11 +dt I
6.1.6.1 -34d

c.p.

w K
3

11 +dl 2ct 11 + 8tc.p.1
Z

G)lc
t
,2K'00

_

" · ,---- 3xt -

" " 11 + dt
X c.p.

"<:> K
4

11 +.)
~ 6.1.6.1-34. ,

" · ,._-- - x, G)(xt I2K11;:
through x,
6.1.6.1 -34d

K
3

11 +.1

(!)lxt I2K,1

~
6 " · ,---- - .x,

x,

, " 2K411 + .te-P.'
G)K12

6.1.6.1 -34. 7 , --.{1+dl 3xt -
throulJh <, tc.P.
6.1.6.1 ~34f

, x, 2K4 11 +.tc.P.'
G)K12
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1.6.1-18
~P'(3lf)1 +132• 2 )2S L ..



.02
SUBSONIC SPEEDS

(a)

"""
~

...........
I--r--.

o
o 2 4 6 8 10

5

4

3

2

(b)

/

V
/

/
./

/
V

/'"'
V

~
V-

o
o .2 .4 .6 .8 1.0

FIGURE 6.1.6.1-19 CHARTS FOR INDUCED-eAMBER CORRECTIONS TO
HINGE-MOMENT PARAMETERS OF FINITE-SPAN WINGS

6.1.6.1-19



1.6

104

1.2

1.0

B2
.8

.6

A

.2

0

SUBSONIC SPEEDS

(el

c;, V ./

• = 0,/ ./~ ./cr .2 .......
// ./" /'

V V .3 ./"./ "'"/ V V- A V

~V V ,/
/'"" //

I. // 1/ .5 /
'/. ,/ /' ./

I~ // "" ,/
.

/
.6

V" ./ /'
V

V / ....V. V /
./

,/

o

FIGURE 6.1.6. H 9 (CONTD)

6.1.6.1-20

.1 .2 .3
•cr

c·

.4 .5 .6



~
TIP:fI§MACH
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\ \

TIP CONICAL-FLOW REGIONS
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0+~ Q?j ~0
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ROOT CONICAL-FLOW REGIONS

Arrows show procedure for summing pressure-area-moment parameter. (Encircled numbers
correspond to regions as designated in computing form for pressure-area-moment parameter.)
Table 6.1.6.1-A
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6.1.6.2 HINGE-MOMENT DERIV ATIVE Ch OF IIIGH-LIFT AND CONTROL DEVICES,

A. SUBSONIC

The hinge-moment derivative due to control deflection can be approximated from the method of
Reference I. The method is based on lifting-line theory, with additional lifting-surface corrections
to account for sweep.

The method is based on equations in terms of section parameters; therefore, the accuracy of the
method is dependent upon the accuracy with which the section characteristics can be estimated.
Test data on the particular airfoil-flap combination under consideration or one closely resembling it
should always be preferred to characteristics obtained from generalized methods. Calculated values
and test data for several different configurations are presented in Table 6.1.6.2-A to illustrate the
accuracy of the method and summarize available test data_

The method is directly applicable to control surfaces having constant chord ratios and constant
airfoil contours across the span_ For configurations with variable chord ratios or variable airfoil
contours across the span, it is suggested that average values of the section characteristics be used.
Furthermore, the accuracy of the method in predicting the effects of finite-wing parameters
decreases as the wing aspect ratio decreases. Application of the method to wings with aspect ratios
of three or less should be avoided.

Experimental data have shown that for sweptback wings the shape of the ends of the control
surface can have a critical effect On the hinge-moment parameters. The Datcom method is
applicable to controls with the control-surface ends cut parallel to the plane of symmetry _ For
configurations with wing cutouts, or with control surfaces that do not have ends parallel to the
plane of symmetry, it is suggested that empirical proccd ures be used to estimate Ch .,

The effect of subcritical Mach-number corrections on hinge moments appears to be small for
control surfaces having trailing-edge angles less than approximately 12° Therefore, the Datcom
method, which neglects subcritical Mach-number effects, may be applied over a large portion of the
subcritical Mach-number range.

DATCOM METHOD

The hinge-moment derivative due to the deflection of a sealed, plain trailing-edge control at
subsonic speeds, based on the product of the control-surface area and the control-surface chord S c

c c
(area and chord aft of the hinge line), is approximated by

[(
Ch ) + ex,

li balance

2 cos I\c/4 ]

( ch ) +.:lCh 6.1.6.2-a
a balance A + 2 cos A C / 4 . li

6.1.6.2-1



where

(C
h0') halance

(C
hb) halance

is the section hinge-moment derivative due to angle of attack. Test data on the
particular flapped airfoil are preferred. but the derivative can be approximated
by the method of Paragraph A of Section 6.1.3.1. (This term could be c'h or

o

c" from Section 6.1.3.1.)
h o

is the section hinge-moment derivative due to control deflection. Test data on
the particular flapped airfoil are preferred, but the derivative can be
approximated by the method of Paragraph A of Section 6.1.3.2. (This term
could be c~ or c~ from Section 6.1.3.2.), ,
is the two-dimensional lift-effectiveness parameter expressed as

where

(Equation 6.1.1.1-b)

c,, is the lift effectiveness of the sealed, plain trailing-edge control obtained
by using the method of Section 6.1.1. I.

is the airfoil section lift-curve slope
compressibility) from Section 4.1.1.2.

(including the effects of

6.1.6.2-2

When experimental values of the section lift increment .:1c, are available,
the lift effectiveness parameter should be calculated using

is an approximate lifting-surface correction which accounts for induced-camber
.:1Ch,

effects. It is obtained by multiplying the quantity -------'-----
c, 8 2 K. cosAc/ 4 cosAH L',

from Figure 6.1.6.2-15a, by its denominator. The primed values of the control
surface and wing chord ratios, used in reading Figure 6.1.6.2-15a. refer to
measurements normal to the wing quarter-ehord line.

The terms in the denominator are defined below. except for Co which is
, "defined above.



B2 accounts for the effect of the control surface and balance chord
ratios. This parameter is obtained from Figure 6.1.6.l-l9c,where the
primed values of the control-surface and balance-chord ratios refer to
measurements normal to the quarter-chord line.

K, accounts for the effect of control-surface span. This parameter is
defined by

K =,

where

6.1.6.2-b

b/2

'Ii is the inboard span station of the control,

inboard span ordinate
'I. =

I

is obtained from Figure 6.1.6.2-15bas a function of
the inboard spanwise location ('Ii) of the control
panel.

is the outboard span station of the control,
outboard span ordinate

'10 = b/2

is obtained from Figure 6.1.6.2-15b as a function of
the outboard spanwise location ('1

0
) of the control

panel.

Sample Problem

Given: The flapped wing configuration ofReference 8. This is the configuration of the sample
problem of Paragraph A, Section 6.1.6.1. The characteristics are repeated.

Wing Characteristics:

A = 3.43 A = 0.44 NACA 65-012 airfoil (normal
to .50c of unswept wing)

tic = 0.086 (streamwise)
</l'rn

tan -- = 0.0697 (streamwise)
2

6.1.6.2-3



4>"TE
tan-

2
- = 0.0523 (streamwise)

Flap Characteristics:

Plain trailing-edge flap Sealed gap AHL = 41 0

crlc = 0.167 (streamwise) c'rlc' = 0.20 (normal to .25c)

cblcr = 0.090 (streamwise) c'blc'f = 0.115 (normal to .25c)

tc/(2cr) = 0.090 (streamwise) Round-nosed control

Tlj = 0.586 Tlo = 0.99 6 = 0

Additional Characteristics:

Low speed RQ = 2.2 X 106

(c
ho

) = -0.00516 per deg

balance

cQ = 0.105 per deg
CJ<

(Sample Problem, Paragraph A, Section 6.1.6.1)

= 0.855

Compute:

Lift effectiveness (Section 6.1.1.1)

ICQ ) = 3.29 per rad
, 6 theory

(Figure 6. I. I. 1-39a)

= 0.745 (Figure 6. I. 1.1-39b)

K' = 1.0 (Figure 6.1.1.1-40)

= (0.745)(3.29)(1.0) = 2.45 per rad

6.1.6.2-4

(Equation 6.1.I .I-c)



(c~l))a
=---

(c~a)1)
(Equation 6. I. l.1-b)

2.45 _I_ = _00407
(0.105) 57.3

Section hinge-moment derivative ch I) (Section 6.1.3.2)

(
c ) = - 0.810 per rad

h I) theory
(Figure 6.1.3.2-12b)

= 0.883 (Figure 6.1.3.2-12a)

(Equation 6.1.3.2-a)

= (0.883)(-0.810) = ..().715 per rad

Balance ratio (Equation 6.1.3.1-<1)

= 1.0 (FIgure 6.1.3.2-13)

(Equation 6.1.3.2-b)

= (..().715) + 2(3.29) (1-0.7451 (0.0523-0.086)

= -0.7715 perrad = -0.0135 perdeg

(Equation 6.1.3.2-<:)

= -0.0135 perdeg

6.1.6.2-5



Induced camber effecl tJ.Ch,
(Figure 6.1.6.1-19c)

Figure 6.1.6.2-15b

(Equation 6.1.6. 2-b)
11

0
- 1J j

= (~2~.0:.:-).:.(:....1_~-"O-':'5...:.8.:.6):....-_.. .:.(4.:..:,'2:..:5:.:-).:.(:....1_~-"O:....'9..:....;9)
0.99 - 0.586

= 1.944

C, 82 K, cos 1\'/4 cos I\H L = 5
2

.45 (0.885) (1.944) (0.660) (0.7547)
, 7.3

= 0.03665 per deg

(Figure 6.1.6.2-15a)

tJ.Ch = (0.0218) (0.03665) = 0.000799 per deg
6

Solution:

2 cos 1\'/4 ]
+ tJ.C

A+2cosl\'/4 h,

(Equation 6.1.6.2-a)

[
. 2(0.6600) J

= (0.6600) (0.7547) (-0.0135) + (-0.407) (-0.00516) 3.43 + 2(0.6600) + 0.000799

=' -·0.00563 per deg

The test value from Reference 8 is -0.0031 per degree.
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B. TRANSONIC

No method is available for the prediction of the hinge-moment derivative Ch at transonic sp·eeds.
o

Because of the mixed-flow conditions and interrelated shock-wave and boundary-layer-separation
effects encountered at transonic speeds, the prediction of Ch by theoretical means is extremely

o
difficult. Experimental results for Ch at transonic speeds are presented in References 2 through 5.

o

C. SUPERSONIC

The supersonic three-dimensional hinge moment due to control deflection can be computed for
trailing-edge surfaces by the method of Reference 6. The method is based on linearized theory and
applies to tapered and untapered control surfaces with the following restrictions:

I. Leading and trailing edges of the control surface are swept ahead of the Mach lines from
the deflected controls.

2. Control root and tip chords are parallel to the plane of symmetry.

3. Controls are located either at the wing tip or far enough inboard so that the outermost
Mach lines from the deflected controls do not cross the wing tip.

4. Innermost Mach lines from the deflected controls do not cross the wing root chord.

5. The wing planform has leading edges swept ahead of the Mach lines and has streamwise
tips.

6. Controls are not influenced by the tip conical flow from the opposite wing panel or by
the interaction of the wing-root Mach cone with the wing tip.

Calculated values and test data for several different configurations are presented in Table 6.1.6.2-B
to illustrate the accuracy of the method and summarize available test data.

For leading-edge control surfaces and for trailing-edge control surfaces with subsonic leading edges,
reverse-flow techniques (see Reference 7) can be used.

DATCOM METHOD

The hinge-moment derivative Ch at supersonic speeds for a symmetric, straight-sided control,
o

based on the product of the control-surface area and the control-surface chord Sc Cc (area and
chord aft of the hinge line), is approximated by

6.1.6.2-c

6.1.6.2-7



where

(I - ~: 4>TE) is a thickness correction factor to the supersonic flat-plate derivative.

per radian

("y+I)M4 - 4(M 2 - I)
= per radian

2(M2 _ 1)2

4>TE is the trailing-edge angle in radians, measured normal to the control hinge line.

"y is the ratio of specific heats, "y = 1.4.

For a symmetrical biconvex airfoil the airfoil thickness correction factor in Equation 6.1.6.2- c is

where

is the maximum airfoil-thickness ratio, measured in a plane normal to the control
hinge axis.

is the chordwise location of the control hinge axis, measured in a plane normal to
the con trol hinge axis.

Thickness correction factors for other airfoil sections can be determined from Reference 6.

is the supersonic flat-plate hinge-moment parameter obtained from Figure 6.1.6.2-17.
For tapered controls this parameter is a function of tan A H L /(J, tan AT E /(J, and the
control taper ratio ~r' For un tapered controls it is a function of tan AH L /(J, tan
AT E /(J, and the control aspect-ratio parameter (JAr'

Sample Problem

Given: Wing with a tapered, trailing-edge control.

Symmetric, flat-sided section

6.1.6.2-8
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Compute:

2

1.5
~ 1.33 per rad

(1+1) M4 _ 4 (M 2 _

2(M2 _ 1)2

I) (2.4)( 1.8)4 - 4(2.24)

2(2.24)2
~ 1.62 per rad

(
I _2 </lTE) ~ [I - (~) 3.0 1~ 0.936

C1 1.33 57.3

tan AHL 0.6009
~ ~ 0.401

(3 1.5

tan ATE 0.5228
~ ~ 0.349

(3 1.5

(3C' ~-0.0335 per deg (Figure 6.1.6.2-1 7c)
h6

Solution:

(Equation 6.1.3.2-c)

0.936
~ (-0.0335) ~-(l.0209 per deg

1.5
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TABLE 6.1.6.2·A

SUBSONIC HINGE·MOMENT DERIVATIVE DUE TO CONTROL DEFLECTION
DATA SUMMARY AND SUBSTANTIATION

Ref. M A I\c/4 A Type of C h ~
l>C

h
(deg) Control h h

Surface Calc Test Calc-Test

9 0.23 6 5.1 0.5 Elevator -0.0118 -0.0104 ·0,0014

10 0.21 4.5 35.3 0.5 Elevator -0.00830 -0.0081 --0.0002

j
0.6

j j j j
-0.00976 -0.0094 -0.0004

0.8 -0.0132 -0.0118 -0.0014

0.85 -0.0151 -0.0128 -0.0023

0.9 -0.0184 -0.0147 -0.0037

11 0.25 3 45.6 0.5 Elevator -0.00608 -0.0067 0.0006

1
0.6

1 1 1 1
-0.00725 -0.0079 0.0006

0.8 -0.00991 -0.0083 -0.0016

0.9 -0.0139 -0.0087 -0.0052

12 0.55 3.04 35.0 1.0 Flap -'0.00956 -0.0085 -0.0011

~
0.8

~ ~ ~ ~
-0.0136 -0.010 -0.0036

0.9 -0.0190 -0.010 -0.0090

13 0.3 4.785 35.22 0.513 Aileron -0.00431 -0.0057 0.0014

0.6

j j j
-0.00586 -0.0046 -0.0013

0.8 -0.00829 -0.0043 -0.0040

0.85 -0.00962 -0.0040 -0.0056

0.815

~
-0.0106 -0.0040 -0.0066

0.9 -0.0119 -0.0055 -0.0064

0.3 4.65 35.59 0.450 Elevator -0.00593 -0.0063 0.0004

0.6

j j j
-0.00755 -0.0040 -0.0036

0.8 -0.0103 -0.0024 -0.0079

0.85 -0.0119 -0.0020 -0.0099

0.815 -0.0130 -0.0006 -0.0124

0.9 -0.0144 0 -0.0144

4 0.1 4.0 4.8 0.5 Aileron -0.0164 -0.0110 -0.0054

~
0.8

~ ~ i ~
-0.0199 -0.0130 -0.0069

0.9 -0.0281 -0.0185 -0.0096

14 0.25 5.515 45.0 0.532 Aileron -0.00554 -0.005 -0.0005

0.8

j j
-0.00945 -0.006 -0.0035

0.9 -0.0131 -0.006 -0.0071

0.25 -0.00552 -0.005 -0.0005

0.8 -0.00941 -0.006 -0.0034

0.9 -0.0130 -0.006 -0.0070

15 0.6 3.50 60.8 0.25 Elevon -0.00331 -0.0029 -0.0005

0.9 I I I I . -0.00626 -0.0035 -0.0028

16 0.328 3.06 38.1 0.49 Aileron -0.00571 -0.0031 -0.0026

1
0.328

1 ~ 1 !
0.00363 -0.0013 0.0049
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TABLE 6.1.6.2-A (CONTO)

Ref. M A t\c/4
, Type of C

h
C h AC

h
Idogl Control , , ,

Surface Calc Test Calc-Test

17 0.302 3.06 38.7 0.49 Aileron --{I.00566 -0.0043 -0.0014

1
0.499

1 1 1 1
--{I.00633 -0.0043 -0.0020

0.7 ~0.00787 -0.0047 -0.0032

0.8 -0.00955 -0.0048 -0.0048

18 0.6 3.0 0 1.0 Flap -0.00225 -0.005 0.0027

0.7 -0.00262 -0.004 0.0014

0.8 --{I.00327 -0.0026 -0.0007

0.85 -0.00383 -0.0095 0.0057

0.9 -0.00478 -0.005 0.0002

0.6 -0.00301 -0.005 0.0020

0.7 -0.00347 -0.004 0.0005

0.8 --{I.00429 --{I.005 0.0007

0.85 --{I.00499 -0.0055 0.0005

09 -0.00619 -0.002 -0.0042

0.6 -0.00390 -0.0053 0.0014

0.7 -0.00447 -0.0043 -0.0002

0.8 -0.00547 -0.001 -0.0045

0.85 -0.00634 -0.004 -0.0023

0.9 -0.00782 -0.0043 -0.0035

0.6 -0.00564 -0.012 0.0064

0.7 -0.00641 -0.011 0.0046

0.8 -0.00779 -0.011 0.0032

+
0.85 -0.00901 -0.012 0.0030

0.9 -0.0111 -0.0145 0.0034

8 0.12 3.43 48.6 0.44 Aileron -0.00477 -0.0064 0.0016

-0.00469 -0.0060 0.0013

-0.00447 -0.0057 0.0012

-0.00504 -0.0067 0.0017

-0.00489 -0.0064 0.0015

-0.00178 -0.0035 0.0017

-0.00543 -0.0069 0.0015

19 0.12 3.58 48.7 0.44 Aileron -0.00592 -0.0071 0.0012- -0.00494 -0.0056 0.0007

-0.00219 -0.0025 0.0003

~0.OO586 -0.0073 0.0014

-0.00488 -0.0058 0.0009

-0.00214 -0.0028 0.0007

-0.00568 -0.0070 0.0013
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TABLE 6.1.6.2·A ICONTO)

Ref. M A Ac/4
, Type of C

h
C

h
l>C

h
Ideg) Control • • •Surface Calc Teo' Calc-Test

19 0.12 3.58 48.7 0.44 Aileron -0.00471 -0.0057 0.0010

+ t t + t t -0.00199 -0.0023 0.0003

20 0.17 4.5 7.6 0.5 Elevator -0.0109 -0.0095 :"'0.0014

t t + 35.3 t t -0.00775 --{).0069 -0.0009

21 0.12 3.36 13.5 0.4 Flap -0.0102 -0.0068 -0.0034

~ ~ ~ ~
-0.00558 -0.0032 -0.0024

-0.00768 -0.0041 -0.0036

3.30 40.0 0.4 Flap --{).00698 -0.0078 0.0008

-0.00376 -0.0049 0.0011

--{).00455 -0.0012 -0.0034

-0.00251 0.0005 -0.0030

3.36 13.5 0.4 Flap -0.00735 -0.0100 0.0026

-0.00392 -0.0082 0.0043

-0.00550 -0.0086 0.0031

-0.00608 -0.0059 -0.0002

-0.00318 -0.0054 0.0022

-0.00452 -0.0054 0.0009

-0.00536 --{).0048 -0.0006

-0.00335 -0.0036 0.0002

-0.00412 -0.0040 -0.0001

-0.00539 -0.0110 0.0056

-OJXl279 -0.0094 0.0066

-0.00426 -0.0112 0.0069

-0.00197 -0.0019 -0.0001

--{).000815 -0.0022 0.0014

-0.00149 -0.0027 0.0012

Average .6.1 Ch,s - Chs I " 0.0029

calc test
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TABLE 6.1.6.2-B

SUPERSONIC HINGE-MOMENT OERIVATIVE OUE TO CONTROL DEFLECTION
DATA SUMMARY AND SUBSTANTIATION

Ref. M A ALE
, Ch Ch "ICh I

(deg)
6 6 6

Calc Test Calc-Test

22 1.61 3.1 23 0.4 -0.0209 -0.0210 0.0001

23 1.9 4.0 42.7 0.5 -0.0122 -0.010 -0.0022

t t t t t -0.0122 -0.014 O.OOlB

24 1.9 1.06 45 0.31 -0.0151 -0.010 -0.0051

25 1.61 3.1 23 0.4 -0.0192 -0.021 0.0018

j
-0.0196 -0.019 -0.0006

-0.0207 -0.020 -0.0007

-0.0209 -0.021 0.0001

-0.0232 -0.0245 0.0013

-0.0255 -0.026 0.0005

2.01 -0.0146 -0.015 0.0004

~
-0.0152 -0.016 0.0008

-0.0153 -0.016 0.0007

26 1.59 4.0 42.7 0.5 -0.0169 -0.012 -0.0049

1 1 1 1 1
-0.0169 -0.012 -0.0049

-0.0169 -0.016 -0.0009

-0.0169 -0.017 0.0001

27 1.93 3.14 9.33 0.59 -0.0124 -0.011 -0.0014

28 4.04 1.33 a 1.0 -0.00464 -0.0056 0.001

29 1.59 4.0 42.7 0.5 -0.0166 -0.0157 -0.0009

I 1.59 1.17 40.6 0.337 -0.0149 -0.0031 -0.0118

A_8ge " ICh - Ch I= 0.0020
6 calc 6 t8st
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6.1.7 DRAG OF HIGH-LJFf AND CONTROL DEVICES

There are two types of movable control surfaces. Control surfaces or flaps may exist as ,?ovable portions of primary
lifting surfaces, such as ailerons on a wing or elevators attached to stabilizers. A control surface may also exist as an
independent lifting surface, such as an "all-flying" hori~ontal tail. The drag due to deflection of the latter type of control
is treated simply as the drag of the surface at a different angle of attack. This section of the Dsteom is therefore con
cerned only with the drag due to deflection of flaps or control surfaces that are movable parts of primary lifting surfaces.

The dellection of flaps or control surfaces causes two increments of drag. First, the profile drag of the primary-surface
movable-surface combination is changed. Second, if the tW(l surfaces are producing a force normal to the· local flow
direction. the deflection of Ihe control surfac~ will produce a different span.loading distribution and may therefore chang;e
the induced drag of Ihe surfaces. Botll profile·drag and induced-drag effects are considered in the Dalcom.

A. SUBSONIC

The changes of both induced drag and profile dm;.r due to control or flap deflection are considered. The change of induced
draf!; is caused hy a change in span·loading di~tribution. The induced drag is calculated first without flap or ~~ontrol

surfaces defleded and then with these surfaces deflected. The increment of drag thus ohtained is the change of innuced
drag due to flllP or control-surface deflection.

The method of calculating induced drag used in thi~ Section is limited to the flap deflections and angles of attack for
which the flow is attached over the control surface. The approximate maximum control deflections for linear c~mtrol

characteristics are given in figure 6.1.3-2. This chart, hased on test data for an NACA 0009 airfoil, is intended only to
serve 8S a gll.:de.

DATCOM METHOD

To calculate the induced drag for a spanwise symmetrically loaded wing, the span-loading distribution is determined by
the method of Section 6.1.5.1. A finite number m of span wise stations on the fuU-span wing is chosen. Each station
is indicated by the integers v and n, which are related to span location by the equation

v.". n.".
'1 = cos-- = cos--

m+1 rn+1 6.1.7-a

The nUMber of span stalions m must be an odd integer. If the span loading is a smooth curve, m may be relatively
small, {or example, 7,9, or ll. If the span loading is not smooth, m should be larger, for example, 13, 15, or 17.

For a given flap deflection 8, the span loading is given by

G, =-(¥), (a.) 8 6.I.7-b

where Q 6 is obtained from Section 6.1.1.1, 6 is the streamwise control deflection, and (Glf»v is determined as outlined in
step I of Method 2 in paragraph A of Section 6.1.5.1.

The induced drag can be expressed, by the method of reference 1, as

where

k = m+1
2

8,,, ) B,,, G"l + 2 ki 1 G, {b"G' - i (I - 8,,, ) B", G"lSin "',] 6.1.7-c

v=1 n=1

6.I.7·d

6.1.7-1



b = m + 1 for n = v
'v 4sin~"

= bilk for v = n = k

_ sin</>. (1-<-1)'-')
b'·-Ieos</>. cos </>,)' 2(m+1)

8,",. = 1 for v = n

S," = 0 for v #- n

for n "" v

6.1.7·e

6.1.7·(

6.1.7.g

6.1.7·h

m+1
forn = -2- = k 6.1.7·j

B,n = bvn +- b'·,I'I1+t-n
m+1

for n ""-- = k2
6.1.7·j

v..
</>, = -;n+T 6.1.7·{

n..
</>. = -;n+T 6.1.7·m

G, =-(~). (a,) ~ (equation 6.1.7·b)

= Gn for n = v

= G. forn = k

The sample problem at the end of this section demonstrates the ·use of equation 6.1.7-c. Step 1 of the sample problem is
an evaluation of the terms of equation 6.1. 7-c that 8re functions only of m, and hence of nand v. Once calculated
for a given number of span locations m, Step 1 need not be repeated. Therefore, when using m = 11 or m = 21,
one may utilize the results of Step 1 in the sample problem, and begin the calculations at Step 2.

Equation 6.1.7-c gives the induced drag coefficient at a given angle of attack and a given flap deflection. The correspond
ing lift coefficient is

Cr. = :~1 [G. + 2 ki 1 G. sin </>.]

n=1

where the terms of equation 6.1.7-n are defined as in equation 6.1.7-e.

6.1. 7·n

C,.

SKETCH la) ---- FLAPS UP

- - FLAPS DOWN

<:> FROM SAMPLE PROBLEM

CD,
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Equations 6.1.7-0 and 6.1.7·n are evaluated at several angles of attack, both with flaps up and with flaps down. The
induced drag coefficient CD, is then plotted versus CL for flaps up and flaps down, as shown in sketch (aj. The
increment of CDI between these curves, at constant CL , is the induced drag due to flap deflection at a given lift
coeflicienL

The increment of profile drag due to control or flap deflection can be expre88ed 8S a change of the minimum drag co
efficient for the polar of the primary surface with undeflected control or flap. The minimum drag coefficient is then

6.1.7'0

where

C = 4C K + K' (4CL ,)'
6 Dm1a d f b wA 6.1.7·p

c
c, Ifor plain and for single·s otted flaps.

4C'r is the airfoil section drag coefficient with deflected flap given in figures 6.1.7·22 and 6.1.7·:23 as a func·

tion of deflection and of

Kb is given in figure 6.1.4.1~ 15 8S a function of taper ratio and flap span ratio.

K' is the flap span factnr given in figures 6.1.7~24(a), (b), and (e), taken from reference 2,'

4CL , is determined by the mechanical flap method of Section 6.1.4.1

The shift of the polar without flap or control deflection can now be drawn (figure 6.1.7·27). The increment of induced
drag due to flap or control deflection is added to the basic polar. The resulting curve is then translated parallel to the
CD-axis until the minimum CD agrees with the value given by equation 6.1.7-0.

Sample Problem

Given: The flapped-wing configuration with the following characteristics.

Wing Characteristics:

A = 6.35 ), = 0.50 Sw = ·567 sq ft

cr = 12.6 ft c =. 9.8 ft bw12 = 30.0 ft

NACA 631012 airfoil (streamwise) tan
rjl~
-2=0,073

Flap Characteristics:

Plain trailing-edge flap Sealed gap

'I) = 0,195 'I = 0.556o 6 = 11.30 (streamwise)

c,lc = 0.20 (streamwise)

6.1.7-3



Additional characteristics:

Low speed; {3 = 1.0

Rl = 9.0x 106

Compute:

• 0
= 0.0203 a = 100

Step I. Parameters that are functions of m are evaluated. These parameters remain constant for
any particular value of m. Tables are presented in this section for m = II and 21, (tables
6.1.7-A through 6.1.7-F). In case it is desired to use some other value of m, the procedure
for calculating these parameters is outlined below. Equations 6.1.7-a through 6.1.7-m are
used.

. Let m = II

m+ I = 12

m+ I
k=--=6

2

v = I to k (I to 6)

n = I to k (I to 6)

v

1

2

3

4

5

6

6. I.7-4

(1)

sin efIv

Equation 6.1.7·l

cos tPv
=~

(2)

(cos <PD - cos 4>v) 2

,
V

n

1 2 3 4 5 6

1

2

3

4

5

6



(3)

1 - (-1)'"
2 (m + I)

v
n

1 2 3 4 5 6

1

2

3

4

5

6

(5)

(COIl4-", .. l-n - COl "..,)2

V
n

1 2 3 4 5 6

1

2

3

4

5

6

(4) .-
b••

V
n

1 2 3 4 5 6

1

2

3 Equation. 6.1.7.. and 6.1.7·1

4

5

6

(6)

1 - ( -1) C.... l-.I-Y

2 (m + I)

V

n
1 2 3 4 5 6

1

2

3

4

5

6

6.1.7-S



(7)

b",_l_a

V

n
1 2 3 4. 5 6

1

2

3 Equations 6.1.7·. and 6.1.7-1, with
(m + 1 - n) substituted for n

4.

5

6

(9)

B••

v
n

1 2 3 4. 5 6

1

2

3 Equation. 6.1.7·; and 6.1.7.j

4.

5

6

6.1.7-6

(8)

1 - Bya

v
n

1 2 3 4. 5 6

1

2

3 Equation. 6.1.7.g and 6.1.7·h

4.

5

6

(10)

(l-a•• )B••

v
n

1 2 3 4. 5 6

1

2

3

4.

5

6



Step 2. Spanwise loading coefficient Gy •

The following spanwise loading coefficients must be obtained:

I. Basic loading without flaps

2. Incremental loading due to flap deflection

3. Basic loading with flaps

I. Basic loading without flaps:

The variation of G/ I) with 1/y is determined as outlined in step I of Method 2
in paragraph A of Section 6.1.5.1.

Cia = 0.116 per deg = 6.65 per rad (table 4.I.I-B)

Cia 6.65
/( = 211' ="'2,;"'" = 1.06

{jA = (1.0)(6.35) = 60
/( 1.06 .

(
tan A",...\

A{j = tan'! {j / = tan'! (tan 40
0
) = 400

1.0

The variation of G/I) with 1/y is then the spanwise loading from figure 6.1.5.1··62c

with 1/
0

= 1.0 (wing treated as a full-span flap). The desired loading coefficient

Gy is calculated as follows:

Gy = - (~)al) I) (equation 6.1.7-b)

al) = -1.0 (wing treated as a full wing-ehord flap)

I) = ()I (radians) = 0.175 rad

Then

The calculation is shown below.
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(; ), a G,~ rad

perrad

0 .32 .175 .0560

.1 .33 .175 .0578

.2 .34 .175 .0595

.3 .34 .175 .0595

.4 .34 .175 .0595

.5 .33 .175 .0578

.6 .32 .175 .0560

.7 .30 .175 .0525

.8 .26 .175 .0455

.9 .21 .175 .0568

1.0 0 .175 0

2. Incremental loading due to flap deflection:

The variation of GIl) with fly may be read directly from figure 6.1.5.1-62c at
fI; = 0.195 and flo = 0.556. Then, the difference in the spanwise loading of
those tabluations at each span station is the spanwise loading of the actual full·
chord flap. (See sketch (b), Section 6.1.5.1.) .

Flap effectiveness 0/1)

= 0.836 (figure 6.1.1.I·39b)

= 3.68 per rad (figure 6.1.1.I-39a)

K' = 0.999 (figure 6.1.1.1-40)

(equation 6.1.1.l-c)

6.1.7·8

= 11.3 (0.836) (3.68) (0.999) = 0.606
57.3



(equation 6.1.1.1 -b)

=_ 0.606 = -0A62
(0.1 16) (11.3)

G. = - (~LCl66 (equation 6.1.7-b)

= - (~). (-0.462)(11.3/57.3) = 0.0911 (~).

(G) = 0.556 (G) =0.195 (~).6 '10 6 '1;

'1 (fig.6.1.5.1-62c) (flg.6.1.5.1-62c) ( }flo - ( }fl; G.
0 0.30 0.22 0.08 0.0073

.1 0.31 0.21 0.10 0.0091

.2 0.32 0.15 0.17 0.0155

.3 0.32 0.10 0.22 0.0200

.4 0.30 0.Q7 0.23 0.0210

.5 0.23 0.05 0.18 0.0164

.6 0.17 0.04 0.13 0.0118

.7 0.11 0.Q3 0.08 0.0073

.8 0.Q7 0.02 0.05 0.0046

.9 0.05 0.02 0.Q3 0.0027
1.0 0 0 0 0

3. Basic loading with flaps:

The incremental loading due to flap deflection is added to the basic loading without
flaps to obtain the basic loading with flaps.

G. G. G.
basic loading incremental loading basic loading

'1 without flaps due to flaps with flaps

0 0.0560 0.0073 0.0633
.1 0.0578 0.0091 0.0669
.2 0.0595 0.0155 0.0750
.3 0.0595 0.0200 0.0795
.4 0.0595 0.0210 0.0805
.5 0.0578 0.0164 0.0742
.6 0.0560 0.0118 0.0678
.7 0.0525 0.0073 0.0598
.8 0.0455 0.0046 0.0501
.9 0.0368 0.0027 0.0395

1.0 0 0 0
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1.0.8.6
n

.4.2

rBASIC LOADING WITH FLAPS

~
~ -.....

~~

~

[l:'A 'rr r () 'nr,,", -:::--.......
'IT PI.A,~~

r\
\

o
o

.08

.04

The above loadings are plotted in sketch (b), in order that values of G may be read for
v

any desired '1v '

.12

SKETCH (b)

Step 3 Co due to flaps
I

1IA
Let CD. = -- IN, + N21 (equation 6.1.7-c)

, m + I

where

k

N, = Gk l bkk Gk - L [(I - 6vn) Bkn GnH
n=1

k - I k

N2 = 2?; (GvlbvvGv-~ [(1-6vn)BvnGnHmn~v)

m+1 = 12 k = 6 1IA = 11 (6.35) = 1.662
m + I 12

Co. must be calculated for the following loadings:
I

Case I. Basic loading without flaps

Case 2. Basic loading with flaps

6.1.7-10



Case I. (CalculatiollJ for basic loading without flaps)

Tabulate G. for Y • I to k

, C.
• (table6.1.7·A) [from obtdo (b) J
1 .9659 .0205

2 .8660 .OCOO

3 .7071 .0520

4 .5000 .0578

5 .2588 .0595

6 0 .0560

Calculate NI

for v • k • 61 n • k • 6

(i) @ (i)

c,. .... .... c,.
table 6.1.7·B ';m(i)

.0560 3.000 .1680

for Y • k • 6

(i) @ @ @

n (l - ' ..) B,." c. @@
table 6.1.7-C

1 .04622 .0205 .0009

2 0 .OCOO 0

3 .2356 .0520 .0123

4 0 .0578 0

5 2.404 .0595 .1430

6 0 .0560 0
I

k @=0.1562
n=1

N1 • 0.560 {0.1680 - 0.1S62J • 0.000661

6.1.7-11



Calculate N2

for v =

0 <!> <!> 0 ®
v 0 (1-3••)8.. G. <!> ~)

table 6.1.7·e

1 1 0 .0205 0

2 4.187 .0400 .1675

3 0 .0520 0

4 .3660 .C57b .0212

5 0 .0595 0

6 .08931 .0560 .0050

k

h ® = 0.1937

0=1

Repeat the above calculation for v = 2 through 5. The summations are listed
below.

k

I!J= L
n=1

( I .- 6 ) 8 G for v = I to k - I\/n vn n -

'----v,.---1+---2E===r= 4-"=r~J
__l!3 ._19_3_7__l..--_._1838 ~\6M=-~J

<D (j) (j) (!) @ I @ I (') @

.. ain c/),. bn G,_ by" Gv @ T®~ @ (J)(!)(j)
.able 6.1.7·A 'abl. 6.1.7·8 =(!)@ ,

...:_--
I

1 .2588 11.59 .0205 .2376 .1937 I .0439 .000233

2 .5000 6.000 .0400 .2400 .1838 .0562 .001124

3 .7071 4.243 .0520 .2206 .1762 .0#1 .001633

4 .8660 304M .0578 .2002 .16M .0358 .001692

5 .9659 3.106 .0595 .1848 .1544 .0304 .001747
k 1

2 ~ @ = 0.01286

v=1

6.1.7-12



Solution for Case I

C =~ (N + N I = 1.662 [0.000661 + 0.01286]
OJ m + I 1 2

= 0.0225 (basic loading without flaps)

Case 2. (Calculations for basic loading with naps at Ci = 10°)

Tabulate G
v

for v = I to k

Gv
v n sketch (b)

I .9659 .0220
2 .8660 .0432
3 .7071 .0590
4 .5000 .0747
5 .2588 .0784
6 0 .0635

Calculate N1

for v = k = 6. n = k = 6

(j) (2) ill
Gk bkk bkk Gk

table 6.1.7-B CD@

.0635 3.00 .1905

for v = k = 6

(j) (i) (3) @
(1 - II

vn
) Bkn Gn (1 - IIkn ) Bkn Gn

n table 6.1.7-<: @®

I .04622 .0220 .00102
2 0 .0432 0
3 .2356 .0590 .01390
4 0 .0747 0
5 2.404 .0784 .1885
6 0 .0635 0

kL @= 0.2034

n=1

N1 • 0.0635 {O.19OS - 0.20341 • -0.000819

6.1.7-13



Calculate N2

for v =

(i) CD (3) (4) CD
v n (1 - 6y.) By. Gn o - 6yn ) Byn Gn

(table 6.1. 7-<':) O)@

I I 0 .0220 0
2 4.187 .0432 .1809
3 0 .0590 0
4 .3660 .0747 .0273
5 0 .0784 0
6 .08931 .0635 .0057

k

): CD = 0.2139

n = I

Repeat the above calculation for v = 2 through 5. The summations are
listed below.

K

I!I = L (I - 6y.) Byn Gn for'v = I to k - I

n = I

I .2588 11.59 .0220 .2550 .2139 .041 I .000234
2 .5000 6.00 .0432 .2592 .2089 .0503 .001086
3 .7071 4.243 .0590 .2503 i .2;21 I .0382 .001595
4 .8660 3.464 .0747 I .2588 ,.2052 .0536 .003465

~_5_-l-_.9_6_5_9__.J.-__3._1_0_6_..J-_.0_78_4_1.1._.2_43~~~~:_-,-_.0_02_4_5_6--1

~I
N, = 22.. @= 0.02127

v=1

'irA
IN +N J = 1.662 [--0.000819+0.02127J

m + 1 ' 2

= 0.0340 (basic loading with flaps deflected 11.3° at 0/ = 10°)
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Step 4.

Step 5.

Detennine the lift coefficient CL for Cases I and 2.

Case I. (Basic Loading without flaps)

Case 2. (Rasic Loading with flaps)

Gk = 0.0635 for v = k = 6

m G) G) @
n G sin <P n Gn sin<Pnn
- table 6.I.7-A Q) Q)

I .0220 .2588 .00569
2 .0432 .5000 .02160
3 .0590 .7071 .04172
4 .0747 .8660 .06469
5 .0784 .9659 .07573

k-I

2 L @= 0.4189
n=1

CL = :~I rGk + 2 I:I Gnsin<pn] (equation6.1.7-n)

l n=1

= 1.662 [0.0635 + 0.4189)

= 0.8017 (basic loading with flaps deflected 11.3° at a= 10°)

Detennine the profile drag increment due to flaps 4Comin

4Cd = 0.0050 (figure 6.1.7-22)
f

~('10• 0.6581 = 0.688

~l'll. o.lllli1 = 0.265

~ =~ - ~ = 0.424
lttl (W

te' '" 1.31 (figures 6.1.7-241 through -Z4c. interpolated)

4CL (Section 6.1.4.1)
f
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l1Ct = 0.606

Ctb = -0.462

CR
Ct

= 6.65 per rad

(Step 2, above)

(Ctb)c
L

--- = 1.056 (figure 6.1.4.1-14)(at(Ctb\1
(Ctb\l figure 6.1.4.1-14)

= 0.55 from inset of

A ! 11/2 6.35 1/2-" (J2 + tan 2 A /2 = -- [I + (0.7866f) = 7.62
c 1.06

C
L

IA = 0.640 per rad (figure 4.1.3.2-49)
Ct

CL = (0.640) (6.35) = 4.06 per rad
Ct

K
b

(equation 6.1.4.I-a)

(0.424)

= (0.0050) (0.424) +

= 0.00212 + 0.00181

= 0.00393

(0.166)2
0.31) 11"(6.35)

Step 6. Determine the minimum drag coefficient with flaps deflected

C = (C \ + l1Co (equation 6.1.7-0)
D mln 0mln/S_o min

= 0.0203 + 0.0039

= 0.0242

At this point, the lift coefficients and induced-drag coefficients are known at 0/= 100 for flaps deflected
11.3°. The minimum drag coefficient with flaps deflected is also known. Steps 2 through 4· must now be
repeate(l at several angles of attack to determine the variation of Co with CL , as shown in sketch (a)

I
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on p. 6.1. 7-2 for flaps undeOected and flaps deflected 11.30 • These values are plotted in the fonn of
figure 6.1.7-27 to give a flap-deflected d1'88 polar.

B. TRANSONIC

At tr_ic Mocb number.. the drOll increment due to control dellection io mnmely di8icult to eotIm.te. The tr.nlODic
ftow about an airfoil, wbicb baa loe.Oy auboonic and auperlOnic regioua, io .ery aiti•• to cban.. in .•irfoil oection.
The IUperlODic ftow regionl frequently terminate with • nearly normal shock w cauoinS .n abrupt inc_ in pr..·
sure at that point. The location of thio shock w••• can be _t1y inftuenced by control deftection. wbicb reoukl in cbans..
to the preooure diotribution. and hence cauoeo on unpredictable drOll increment. The compleoity of the mixed ftOWI
prevenll the use of .ith.r limple theory or empirical an.lylil for sen.r.1 treatment of the problem.

DATCOM ·METHOD

BeeaUIe of the extreme sensitivity of the_mixed tlow. at transonic Mach numbers, no Datcom Method i. Biven to estimate
tb. drOll increment due to control deftection.

C. SUPERSONIC

At IUpersonic Ipeede, the dr. due to control..urface deflection can be conlidered in two parla _. change of wave or
preooure dr.s. and a cbanse of akin·friction drOll.

DATCOM METHOD

The increment of wave dras of the primary IUrface with control lurface deftected iii

where

6(C ) - [(C..... ) I] (C )
D_... - (C. ) - D••"e ":0

••." I",.

(C. ) io determined by the metbod of Section -U.S.I....., '=fl

6.1.7"1

(C..... )

(CD••~.).",,,
6.1.7·r

wbere

!!.
c

io the rllio of mean Bop chord to primary,"urf_ cbord

a
..
5.,

il the ansJe of au.ek of th. prim.ry surf_ with ...

io the deftection of th. control surf_ reIoti•• to the primary ....rfoce, poaiti•• for tr.i1iq edse down

io the part of th. primory..urfoee planform .rea forward of and incIudiq the Bop .rea thll il not inftuenced
by the primory-aurfoce tip 1_ lipre 6.1.7·28 (b, 1

5, i. the part of the prim.ry·surface pI.nform area forward of and incIudins the Bop .... that io inftuenced by
tbe primory..arfocetip 1_ lisure 6.1.7·28 (bl 1

1'be elfect of control ourfoee or ft.p deftection on d'"ll io

(C.,. = (Co"" + 6(C..... ) + 6(Cn,) 6.1.7..

Ahboup procedures can be devioed for eotimatins the ch.nse of akin·friction d'"ll due to control surface or ft.p deftec·
tion, the eotimated cbanS" are 10 Imall .. to be of tbe order of the readiq -ocr of the charlo of ref.rence 3 tba.
are aoed in the coIculation.. Therefore the cbanse of akin·friction dr.s du.to control daIIedi... wW be uoumed to be aero.
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SlImp'. ',."'.m
Given:

Configuration 01 eamp" problem I, Method I, paragraph C, Section 4.1.5.1.

I/c =0.06

Smooth aurl....

RI = 10'

M = 2.0

Additional charleterillics:

Sw 200 It"2"" = "'I

" = 0.3

fuU...,.n Rap

Stabilized RighI

Round-nose airfoil

(Co, l•., =0.00521

bw f-;;- = 20 t
*

c, = 15.40 II

i!. = 0.20
c

(C. l, = (AC. l, = 0.0171wa". .0 0 .. 0

a =5° 3 = -8' (Cn)", = 0.0395 (ala = 5')

The pertinent Mach line i••hOWD below.

S, = 10 "'lit

S.. = 190 "'I It

Compute:

~CD..... CIIlculation:

6.1.7-18
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[a~3r =0.36

[ 5.. +5+5, J= : = 0.975

[5.. ~ 5,] = 1.0

Co.... = [1 _ :'J+ [:'J[a ~ 3 J' [5.. +545, + 1 - 5.,: 5, ] (equation 6.1.7.r)
(CD••"')""o

= 0.8 + 0.2 (0.36) (0.975)

= 0.8702

~C { Co.... _ ~(CD ) (equation 6.1.7~)
D.,,,I (C) ...ve "=0 "

0 ...", 4,,0

= [0.8702 - 1](0.0171)

= -0.00222

Solution for drag with flap deflection:

For a = 50

(CD) .._,' = (CD)'" + ~CD•••• + ~CDf (equatiDn 6.1.7·.)

= 0.0395 + (-0.00222) + 0

= 0.03728
TABLE 6.1.7·A

• .,.. sin .... COl 4-"
dog =,

1 15.0 .2588 .9659
2 30.0 .5000 .8660

3 45.0 .7071 .7071

4 60.0 .8660 .5000
5 75.0 .9659 .2588
6 90.0 1.0 0

TABLE 6.1.7-8

b••

•
n

1 2 3 4 5 6

1 ll.S9 2.161 0 .09934 0 .023ll
2 4.175 6.000 1.650 0 .ll30 0
3 0 2.334 4.243 1.374 0 .ll78
4 .3324 0 1.683 3.464 1.240 0
5 0 .2183 0 1.383 3.106 1.202
6 .08931 0 .1667 0 1.244 3.000
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6.1.7-20

TABLE 6.I.7·C

(1 - 8.. )B..

v
n

I 2 3 4 5 6

I 0 2.167 0 .1094 0 .04622
2 4.187 0 1.667 0 .1459 0

3 0 2.358 0 1.414 0 .2356

4 .3660 0 1.733 0 1.365 0

5 0 .2819 0 1.523 0 2.404

6 .08931 0 .1667 0 1.244 0

Nole: m = II for table, 6.I.7·A. ·B. and·C

m = 21 for lable, 6.1. 7·D, ·E, and·F

TABLE 6.1.7·D

v
~. sin t!'y cos ~v

deg =~

I 8.18 .1423 .9898

2 16.36 .2817 .9595

3 24.54 .4153 .9097

4 32.73 .5407 .8412

5 40.91 .6549 .7557

6 49.09 .755i .6549

7 57.27 .8412 .5407

8 65.46 .9097 .4153

9 73.64 .9595 .2817

10 81.82 .9898 .1423

II 90.00 1.0 0



TABLE 6.1.7·E

b.,

v
n

1 2 3 4 5 6 7 8 9 10 11

1 38.65 7.044 0 .2929 0 .05764 0 .01959 0 .009004 0

2 13.95 19.52 5.163 0 .3083 0 .07300 0 .02787 0 .01391

3 0 7.611 13.24 4.023 0 .2907 0 .07723 0 .03205 0

4 1.113 0 5.238 10.17 3.362 0 .2721 0 .07851 0 .03473

5 0 .7167 0 4.072 8.398 2.930 0 .2568 0 .07910 0

6 .3061 0 .5291 0 3.381 7.278 2.634 0 .2466 0 .08008

7 0 .2180 0 .4234 0 2.932 6.538 2.431 0 .2409 0

8 .1253 0 .1692 0 .3567 0 2.628 6.046 . 2.316 0 .2397

9 0 .09493 0 .1393 0 .3131 0 2.443 5.732 2.244 0

10 .06263 0 .07639 0 .1195 0 .2835 0 2.315 5.557 2.222

11 0 .04937 0 .06423 0 .1060 0 .2635 0 2.244 5.500

TABLE 6.\.7·r

(I - 3.,)B.,

v
n

1 2 3 4 5 6 7 8 ') 10 11

1 0 7.046 0 .2948 0 .06003 0 .02287 0 .01405 0

2 13.95 0 5.167 0 .3127 0 .07869 0 .03618 0 .02782

3 0 7.616 0 4.029 0 .2984 0 .08798 0 .04910 0

4 1.120 0 5.246 0 3.372 0 .2850 0 .09800 0 .06946

5 0 .7268 0 4.084 0 2.945 0 .2785 0 .1160 0

6 .3188 0 .5431 0 3.398 0 2.658 0 .2858 0 .1602

7 0 .2310 0 .4384 0 2.951 0 2.459 0 .2883 ()

8 .1463 0 .1928 0 .3869 0 2.673 0 2.401 0 .4794

9 0 .1232 0 .1739 0 .3628 0 2.533 0 2.487 0

10 JYJ772 0 .1170 0 .1753 0 .3799 0 2.565 0 4.444.
11 0 .04937 0 .06423 0 .1060 0 .2635 0 2.244 ()

IEfEIENCES

t. DeYounlo J.: Theonlica) Symmetric Span Loadinl Due 10 nap DeRection for Wi... of Arbitrary Pia. Form at SubMInic Speeds. NACA
Report 1071, I~. (U)

2. You... A. D.: The Aerodynamic Charae,eliltics 01 Fla,.. British Report No. Aero 2185, FebrUIIlJ 1947. (U)

3. Ames Rnearch Stat: Equation-. Tabla. aad Chan. for Compreuible Flow. NASA Report 1135. 1953. (U)
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FIGURE 6.1.7·2'lTWO·D1MENS10NAI. '·R!.(; INCREm:.\T nUE TO FLAPS
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BASIC POLAR WITH NO CONTROL OR FLAP DEfLECTION

BASIC POLAR WITH INDUCED·DRAG INCREMENT DUE TO FLAPS

BASIC POLAR WITH INDUCED-DRAG INCREMENT DUE TO FLAPS
SHIfTED TO THE PROPER c.,.'M

C.

(CDNIN ) ru.PB C"MIM' GIVEN BY EQUATION 6.l.7-0

~-J
GIVEN BY EQUATION 6.I.7·p

nGURE 6.1.7.27 CONSTRUCTION OF FLAPS-DEFLECTED DRAG POLAR
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FIGURE 6.l.7-28 (.1 CROSS SECTION OF AERODYNAMIC SURFACE
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6.2 ASYMMETRICALLY DEFLECTED CONTROLS ON WING-BODY
AND TAIL-BODY CONTROL COMBINATIONS

6.2.1 ROLLING MOMENT DUE TO ASYMMETRIC DEFLECTION OF
CONTROL DEVICES

6.2.1.1 ROLLING MOMENT DUE TO CONTROL DEFLECTION

Methods are presented in this section for estimating the rolling moment due to control deflection at sub
sonic, transonic, and supersonic speeds. Plain trailing-edge flap-type controls and spoilers are included. The
fundamental means by which each of these devices changes the lift of a wing, and hence the rolling moment,
is discussed in Section 6.1.1.1.

A discussion of the aerodynamic aspects of spoilers on three-dimensional wings is given in reference I.
This reference also contains an extensive bibliography of spoiler tests. The following discussion summarizes
the conclusions of this reference.

At subsonic and transonic speeds, spoilers do not, in general, provide linear variation of effectiveness with
spoiler projection, particularly at small deflections (see sketch (a». This deficiency can be corrected by the
use of a slot or slot-deflector behind the spoiler.

[] M=0.6 .05

!!I~ 0.6
'" =4

0 =
.05 10% chord.04 =

.04 .0

.03 .- C/

C/ .02

.02
.01

0

0 0 5 to 15 20 25
0 -2 -4 -6 -8 -10 '" (deg)

~s
- (%chord)
c

SKETCH (a)

For thin wings at high angles of attack plain spoilers are ineffective. This ineffectiveness can be partially
overcome by the use of a slot behind the spoiler and by the use of leading-edge devices. Sketch (b) shows the
effect of a drooped leading-edge extension on the roUing effectiveness of a plain and of a slotted spoiier.

6.2.1.1-1



; 8% chord

7.5% chord

M; 0.85

.04

.02

M; 0.85

~rn 6s ; 8% chord
.04

.02 -~. \
\ ..........

o orf--..--r--..--r--.
o 4 8 12 16 20 0 4 8 12 16 20

ex (deg) ex (deg)

EFFECT OF DROOPED WING LEADING-EDGE EXTENSION ON SPOILER EFFECTIVENESS

SKETCH (b)

In order to achieve ma.<imum effectiveness, spoilers should be located toward the rear portion of the wing
for the following reasons:

1. The ineffectiveness of spoilers at small deflections increases with distance from the trailing edge.

2. The lag time .t low speeds becomes excessivel)' long for forward-mounted spoilers.

The optimum spanw;se extent and position of spoilers are determined primarily by wing sweep. The higher
the sweep angle, the farther inboard the spoilers should be placed. Sketch (c) shows the spoiler rolling
moment for a spoiler CKtending from the wing tip to any inboard station Y j' The ineffectiveness of tip
located spoilers on swept wings is apparent.

TIP
o+----l'-------\
ROOT

90

A
(deg)

TIP
Yi

0+- . -\
ROOT

SKETCH (c) SKETCH (d)

The optimum sp.nwise location of spoilers as a function of wing sweep is shown in sketch (d).
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A. SUBSONIC

Plain Trailing-Edge Flaps

A simplified lifting-surface theory is used in reference 2 to obtain the rolling-moment effectiveness C /8 for

plain trailing-edge controls at subcritical Mach numbers. The theory is applicable to wings for which
(JA:> 2 and A(J < 600 , where A(J = tan'} (tan A'/4 I(J). The Prandtl-Glauert compressibility Correc-

tion is used to account for subcritical compressibility effects. In this section the theory of reference 2 is used
up to M = 0.6. Since the theory is based on potential flow, the results are valid for attached-flow conditions
only, i.e., wing angle of attack and surface deflection where no flow separation exists.

Two-dimensional lift-curve slopes for specific wing sections are used to adjust the wing lift distribution. It
should be noted that the design charts from reference 2 give results for two full-chord controls anti
symmetrically deflected. Then, absolute values of the section-lift effectiveness 10/81 for a specific con
figuration are used to adjust the theory to realistic values. This results in positive values of C/8 for anti-

symmetric control deflections. The proper sign of the rolling-moment coefficient will result from the
(8 L - 8R ) •

expression C, = C, -----
,. 2

Spoilers

The method for predicting the effectiveness of plug and flap type spoilers is taken from reference 3. The
method is based on the simplified lifting-surface lI,eory developed for flap-type controls in reference 2, used
with section spoiler data and an empirical correction for the effective spanwise location on swept wings. The
results are valid for attached flow conditions only. .

A design chart based on the empirical results of reference 4 is presented for the prediction of the subsonic
rolling effectiveness of spoiler-slot-deflector controls.

DATCOM METHODS

Plain Trailing-Edge Flaps

The wing trailing-edge control derivative C
I8

at subcritical Mach numbers, based on the total wing area and

wing span, is obtained from the procedure outlined in the following steps:

Step I. Obtain the rolling-moment effectiveness parameter (JC'/811< of two full-chord controls

(cr/c = 1.0) antisymmetrically deflected, as a function of (JAIl< and A(J' from figure

6.2.1.1-23.

The parameter I< is the ratio of the two-dimensionallift-<:urve slope at the appropriate

Mach number to 2,,/(J ,i.e., (c~JM Ja"/JJl.The two-dimensionallift-<:urve slope is obtained
from Section 4.1.1.2. For wings with airfoil sections varying in a reasonably linear manner
with span, the lift-<:urve slope of the section at the MAC of the flapped portion of the
wing is adequate.

The parameter All is the compressible sweep parameter, given as All = tan- I (tan Ac/4 /(J).

--rhe uau.1 CX)ftWntkm II Implied. Poah;ive roiling moment I, right wing down. Polltive control deflection I. trilling edgI down.
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Figure 6.2.1.1-23 pves directly the effe,;livene,. parameter for control spans measured
from the plane of symmetry outboard. For partial-span controls having the inboard edge
of the control at spanwise station 71; and the outboard edge at 71

0
, the effectiveness

parameter is obtained as illustrated in sketch (e).

SKETCH (e)

Step 2. Determine the rolling effectiveness of two full-chord controls antisymmetrically deflected by

6.2.I.1-a

Step 3. Determine the rolling effectiveness of the partial-chord controls (ctlc .. 1.0) of constant
percent-chord (cf/c = eonstant) antisymmetrically deflected by

6.2.I.1-b

where C',S is obtained from equaticn 'j.2.1.I-a ,lnd I"'sl is the absolute value of the section

lift effectiveness. "'s is obtained frolll Section 6.1.1.1 for the particular control under con
sideratior.. For antisymrnetric coutrol dellections the value (of Ci6 is based on the deflection
of one surface.

The effect of a differential control deflection is taken into account by considering CiS of each control as

one-half the antisymmetric value (equation 6.2.I.l-b) where I"'sl is considered separately for each control

and based on its respeclive deflection. Then, the total lOlling-moment coefficient for differential-control
deflection is obtained by

6.2.1.1-4



For arbitrary spanwise distribution of control chord (constant-ehord controls on tapered wings or tapered
controls on untapered wings), the control is divided into spanwise steps, and the total C/6 value is found

by summing the C1 values due to each spanwise step, based on the average I"'61 values over that span-
wise step. 0

It should be noted that in applying this method the control deflection angles and all dimensions are
measured in planes parallel and perpendicular to the plane of symmetry.

The relationship between streamwise control deflection 0, control deflection measured normal to the
control hinge line 01 ' and sweep of the flap hinge line AHL is

HL

tan 0 = cos A
HL

tan 01
HL

The relationship between a C/o value defined for a streamwise deflection and the corresponding value

defined normal to the hinge line is

Cl o = C/o cos AHL
~L

Sample problem I on page 6.2.1.1-7 illustrates the use of this method.

There are not enough experimental data available to substantiate this method. However, for configurations
within the limitations of the method it is expected that the accuracy of the calculated results will be within
£10 percent.

Spoilers

Plug or Flap-Type Spoilers

The rolling-moment coefficient of a plug or a flap-type spoiler deflected on one wing panel only, based on
the total wing area and wing span, is given by

where

C'
/0 ,

C/ = --~a
2 '

6.2.1.1-e

,
~""

is the rolling-moment effectiveness of two full-ehord controls antisymmetrically deflected,
obtained as outlined in the above method for plain-trailing-edge controls, but with effective
locations of the inboard and outboard ends of the control used in place of their geometric
locations in reading figure 6.2.1.1-23.

is the spoiler lift effectiveness expressed in terms of the change in zero-lift angle of attack.
This parameter is presented as a function of effective spoiler height for four spoiler chord
wise locations in fIgUre 6.1.1.1-52. In using this fJgUre, x, is the distance from the nose of
the airfoil to the spoiler lip, and h, is the height of the spoiler measured from and normal
to the airfoil mean line at x, (see sketch (f).

SKETCH(f)
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The effective locations of the inboard and outboard ends of the spoiler, used in reading figure 6.2.1.1-23,
are given by

1). = 1)j + ~1)i Ileff

6.2.1.1.-d

1]0 eff = 1)0 +~1)0

where 1) i and 1) 0 are the spanwise locations of the inboard and outboard ends of the spoiler, respectively,
and A1) j and A1)0 are effective increments in the spoiler spanwise locations due to the spanwise flow of the
spoiler wake for partial-span spoilers. These increments in spoiler spanwise locations are given by

cos A TE sin 0

cos (ATE + 0)

(
X', \

41--;-J cos ATE sinO
~1) = Ii - 1\ - A)1) J

o A(l + A) . 0 cos (ATE + 0)

6.2. 1. l.-e

where 0 is an empirically determined angle obtained from figure 6.2.1.1-26a as a function of the spoiler
sweepback. The spoiler sweepback is determined from the expression

tan A, = tan Ac/4 -

4 (0.75 - (1 - ~)]
A (!...:::.2)

I + A

In using this method, if 1) exceeds 1.0, which would be the case for the spoiler extending almost to the
°eff

wing tip on a highly swept wing, the value of C"1i at 1) 0 = 1.0 is used.

The effective spanwise extent of an arbitrarily located spoiler as used in this method is illustrated in sketch
(gj.

SKETCH (g)

o
(c-x~) (J

.....---=--'--1)0------.....1 l..11)0
bw 1)°eff -I .. I1-------
2
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Sample problem 2 on page 6.2.1.1-9 illustrates the use of this method.

Comparisons of test data with results calculated by using this method are presented as table 6.2.1.I-A. Addi
tional comparisons between test and calculated values are given in reference 3.

Only spoilers of constant-percent-ehord height (h,/c = constant) were included in the analysis of reference
3; however, it is implie.d therein that the method should give acceptable results for arbitrary spanwise distri
bution of s,poiler control chord.

Spoiler-Slot-Deflector

The rolling-moment coefficient of a spoiler-slot-deflector on one wing panel, based on the total wing area
and wing span, is given by

where

(C ) = K(C )
I spoiler-slot-deOector I plain spoller

6.2.I.H

(C )
1 plain

spoDer

K

is the rolling-moment coefficient of a plain flap-type spoiler deflected on one wing
panel, based on the total wing area and wing span, determined by using equation
6.2.I.I-c.

is the ratio of the rolling-moment coefficient of a spoiler-slot-deflector to that of a
plain spoiler, obtained from ftgure 6.2.1.1-26b, as a function of the ratio of spoiler
deflection to deflector deflection 6,16 . The spoiler and deflector deflections are
illustrated in figure 6. 2.1.1-26b. Note tte difference between the spoiler-height
measurement h, used in determining C I of the plain spoiler and the 6, and 6d

measurements for the spoiler-slot-deflector control.

Figure 6.2.1.1-26b is based on the empirical results of reference 4. The wing planform of the test con
figuration is a straight-tapered wing with A = 4.0, X = 0.6, Ac / 4 = 32.60 , and with an NACA
65006 airfoil section in the streamwise direction. The method has not been verified by comparison with
other test results. Nevertheless, the method is expected to give acceptable results over the linear-lift range
for configurations with (lA " 2 and A(l < 600 , and at Mach numbers up to 0.6.

The use of this method is illustrated in sample problem 3 on page 6.2.1.1-12.

Sample Problems

I. Plain Trailing-Edge-Fiap Ailerons

Given: The following wing-aileron configuration:

Wing Characteristics:

Aw = 3.78 Xw = 0.586

NACA 65009 airfoil (streamwise) tan ~~E/2 = 0.0776 (streamwise airfoil section geometry)

Aileron Characteristics:

Plain trailing-edge flap crlc = 0.30 '1j z 0.75 '1
0

= 0.95

6.2.1.1-7



Additional Characteristics:

M = 0.40; f3 = 0.917

Compute:

R~

= 0.893 (figure 4. I. 1.2-8a)

= 6.58 per rad (figure 4. I. 1.2-8b)

(equation 4.1.1.2-a)

1.05
= D.9i7 (0.893) (6.58) = 6.73 per rad

(
1.0856)tan· t -- = 49.80
0.917

((t(::, ~\ = 0.320 per rad
,,, /'f/; = 0.75

(figures 6.2.1.1-23a through -23c, interpolated)

= 0.420 per rad

(equation 6.2.I.I-a)

6.2.1.1-8

=
0.981

0.917
[0.420 -0.320] = 0.107 per rad



Section lift effectiveness cx~ (Section 6.1.1.1 )

Ic) = 4.35 per rad (figure 6. 1. 1.1-39a)
\ ~~ theory

= 0.840 (figure 6.1.1.1-39b)

(c~~) theory

K' = 0.98 (figure 6.1.1.1-40)

(equation 6. I. l.1-c)

= 15.0 (0.840) (4.35) (0.98) = 0.937
57.3

Solution:

ac~

= --- = -
(0.937) _ -0.532

15.0
(6.73) 57.3

CI~ = C'16 Icx6!(equation 6.2.I.1-b)

= (0.107)(0.532) = 0.0569 per rad

The rolling-moment coefficient is given by

0.0569= [IS - (-IS)) = 0.0149 (based on Swbw)
2(57.3)

2. Spoiler

Given: The wing"body configuration of reference 4 with a partial-span constant-chord spoiler hinged at the
55-percent-chord line.

Wing Characteristics:

A.w = 4.0 ~ = 0.60 Sw = 324.0 sq in. bw = 36.0 in.

An: = 24.30 NACA 65006 airfoil (streamwise)
6.2.1.1-9



Spoiler Characteristics:

Y;
11; = b/2 = 0.139

Yo
= - = 0.639

b/2

c,

c
0.150

Spoiler projection Os measured from the airfoil surface at 0.70c, and corresponding spoiler
chordwise location

Os

c

Xs
-=
c

0.100

0.662

II, 0,

J1
.1

0.55c .. , .. /10.70c
c

Additional Characteristics:

M = 0.40; IJ = 0.917

Compute:

Determine Clio

c£ = 0.105 per deg = 6.02 per rad (table 4.I.I-B)
ex

6.56 per rad

/( = 6.56 =0.958
2Tr/1J

0.6395
tan-1 = 34.90

0.917

IJA = 0.917 (4.0) = 3.85
/( 0.958

Determine 11; and 11
0eff err

tan A,

= 06395 -~ [0.75 - (1 - 0.662)) 0.4
0
0

• 4.0 1.6

6.2.1.1-10



= 0.6395 - (0.412) (0.25) = 0.5365 .

fl., ~ tan'! 0.5365 = 28.20

8 = 28.3° (figure 6.2.1.1-26a)

cos fl.TE sin 8

cos (fl.TE + 8)

0.9114 (0.4741)
= = 0.7114

0.6074

4(I_
X

:)
_ ...:....-...:c..:. 4 (I - 0.662)

= =0.211
A(I +X) 4.0 (1.60)

[1-(l-X)1/ j l = [1-(1-0.6)(0.139») = 0.944

[I - (I - X) 1/
0

) = [I - (I - 0.6) (0.639») = 0.744

4(I _X;)
= [I-(I-X)n)

A(l + X) "1

cos~ sin 8

cos(~+8)

= (0.211) (0.944)(0.7114) = 0.142 (equation 6.2.1.1-e)

(

X'

4 I - ~)
= [1-(l-X)1/)

A(I + X) 0

cos~ sin 8

cos(~ +8)

= (0.211)(0.744)(0.7114)= 0.112

{f1C,,; i\
\ '} = 0.061 per rad

1/
leff

} (equation 6.2.1.1-<1)

(
f1C/ ~-,,-1 = 0.350 per rad

floeff

(figures 6.2.1.1-23a through -23c, interpolated)
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j (J~'I b) 11 jerr]\ ~ (equation 6.2.I.I-a)

= 0.958 [0.350 _0.061J = 0.302 per rad
0.917

Determine 6.01.'s

The upper-surface ordinate of the NACA 65006 airfoil section at 0.70c is 0.0194c. (see reference 5)

c

b,
= -+0.0194 = 0.100+0.0194 = 0.1194

c

~"'; = 0.134 (figure 6.1.1.1-52at x,lc, h,/c)

Solution:

C·
I b ,

= - ~'"
2 '

(equation 6.2.I.I-c)

= (0.~02) (0.134)

= 0.0202 (based on Swbw )(Spoiler deflected on one wing panel)

This result compares with a test value of 0.0215 from reference 4.

3. Spoiler-Slot-Deflector

36.0 in.

Sw = 324.0 sq in.

= 0.639

The wing-body configuration of reference 4 with a partial-span constant-ehord spoiler-slot-deflector
on one wing panel. This is the configuration of sample problem 2 with the addition of a slot opening
between the 55- and 70-percent-ehord lines extending from 11j = 0.139 to 11

0
= 0.639, and a

0.15c deflector hinged at the 0.70 chord line. b

~ 05:'",~~
= 0.100 111 = O.I3Y

b,

c

Given:

(C ) = 0.0202 (sample problem 2)
I plain spoiler

-=
c

0.Q25, 0.050, 0.Q75, 0.100

6.2. I.1.-12



Solution:

(C/) = K(C/) (equation 6.2.1.1-0
spoUct-slot-deOector plain spoiler

=(0.0202) K (based on Sw hw)

o ® ®

(C/I (C I

.6, 6d
6,16d 1P011......ot-ddiector / 1POI1.,1Iot~ector

K

• • 0/0 'Itu.. 6.2.1.1·26b (.02021 0 IToot)

0.100 0.026 4.00 1.36 0.0273 0.0290

0.100 0.060 2.00 1.70 0.0343 0.0360

0.100 0,076 1.33 1.67 0.0317 0.0360

0.100 0.100 1.00 1.34 0.0271 0.0300

B. TRANSONIC

No accurate method is available for predicting C/6 at transonic speeds. Mixed flow conditions and inter

related shock-wave and boundary-Iayer-separation effects cause extreme nonlinearities in this parameter.
The discussion of paragraph B of Section 4.1.3.2 gives some insight into these effects for plain wings.

The method presented here is intended to give a frrst-order approximation only and to provide a guide
to aid in fairing between subcritical and supersonic speeds.

Published experimental data in the transonic speed range are available for only a specific flap-type control
tested on a wing-planform series in which only the winll sweep was varied (references 6 through 9).

DATCOM METHOD

No specific charts are presented for determining the transonic rolling effectiveness of lateral-eontrol devices.
The best source of information of this type is experimental data on similar configurations. If such informa
tion is not available, the following approach may be used as a guide in fairing between subcritical and 'super
sonic speeds.

A frrst-order approximation of the transonic rolling effectiveness of lateral-eontrol devices is given by

where

6.2.1.I-g

(C )
I M-0.6

is the rolling effectiveness of the control at M = 0.6, obtained by usin& the appropriate
method of paragraph A of this section.
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is the transonic wing-lift-curve slope, obtained from paragraph B of Section 4.1.3.2.

is the wing-lift-curve slope at M; 0.6, obtained by using the straight-tapered wing
method of paragraph A of Section 4.1.3.2 (figure 4.1.3.2 -41).

C. SUPERSONIC

Plain Trailing-Edge Flaps

Supersonic linear theory is used in reference IOta derive conical-flow solutions for the rolling effectiveness
of wing trailing-edge flap-type control surfaces. The theory is based on the following assumptions (see sketch
(h)):

",,

SKETCH (h)
""

/
/

/ / /
/ /

/

/
/

/
/ ,,

,
"

J. The leading (hinge line) and trailing edges of the control surface are supersonic (swept ahead of
the Mach lines).

2. The control surfaces are located at the wing tip or are far enough inboard to prevent the outer
most Mach lin~s from the control surface from crossing the wing tip.

3. The innermost Mach lines from the denected control surface do not cross the root chord.

4. The root and tip chords of the control surfaces are streamwise.

S. Controls are not influenced by the tip conic,L1 flow from the opposite wing panel or by the inter
action of the wing-root Mach cone with the wing tip.

An approximate correction is given in reference IOta account for the effect of airfoil thickness in the case
of slab-sided controls.

Spoilers

The method presented for determining the supersonic rolling moment due to spoilers is taken from
reference I I. The derivation is based on an analysis, presented in reference 12, of the pressure distributions
adjacent to the spoiler. Although data on spoiler rolling characteristics at supersonic speeds are limited,
the method appears satisfactory for both plug and flap-type spoilers within the Mach number range of the
available data (M = 1.6 to 3.0).
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No method is presented for detennining the supersonic rolling moment due to spoiler-slot-<leflectors.
Published test data on spoiler-slot-<leflector characteristics at supersonic speeds are extremely limited.
References 13 and 14 present test data on spoiler-slot-<leflector controls at supersonic speeds.

DATCOM METHODS

Plain Trailing-Edge Flaps

The supersonic rolling effectiveness of plain trailing-edge flap-type controls is given by

6.2.I.I-h

where

is the control-surface rolling effectiveness of one control surface deflected on one wing
panel, based on the total wing area and span.

is the theoretical rolling-moment derivative based on total control area Sf for thin
wings for the following cases;

(a) Tapered control surfaces with outboard edge coincident with wing tip
(use figure 6.2.1.1-27).

(b) Tapered control surfaces with outboard edge not coincident with wing tip
(use figure 6.2.1.1 -28).

(c) Untapered control surfaces with outboard edge coincident with wing tip
(use figure 6.2.1.1-29a).

(d) Untapered control surface with outboard edge not coincident with wing tip
(use figure 6.2.1.1-29b).

is the ratio of the total control area (both sides of wing) to the total wing area.

is the ratio of the total control span (both sides of wing) to the total wing span.

is the distance from the wing root chord to the control root chord in wing spans.

\ is a thickness correction factor to the supersonic flat-plate derivative.

~TE}

2
= fi:7r1 (per radian)

v"'- - I
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(per radian)

0TE is the trailing-edge angle in radians, measured normal to the control
hinge line.

"y is the ratio of specific heats,"y = 1.4.

is the lift-effectiveness of one symmetric, straight-sided control, based on the area of the
control. This parameter is obtained from figures 6. 1.4.1-20a through 6. 1.4.1-20j for
controls located at the wing tip, and from figure 6.1.4.1-25 for controls located inboard
from the wing tip.

It should be noted that in applying this method the control deflection angle and all dimensions (with the
exception of '!/JTE) are measured in planes parallel and perpendicular to the plane of symmetry.

The limitations of this method are noted in the introduction to paragraph C. A comparison of test values
with results calculated by this method is presented as table 6.2. I.I-B.

Sample problem I at the conclusion of this paragraph illustrates the use of the method.

Spoilers

Plug and Flap-Type Spoilers

The supersonic rolling-moment coefficient of a plug Of a flap-type spoiler deflected on one panel, based on
the total wing area and span, is obtained from figure 6.2.1.1-30 as a function of Mach num ber and configu
ration geometry.

A comparison of test values with results calculated by using this method is presented as table 6.2.1.1-e.

Sample problem 2 at the conclusion of this paragraph illustrates the use of the method.

Sample Problems

I. Plain Trailing-Edge-Flap Ailerons

Given: The wing-body-tail configuration of reference 18, with plain trailing-edge ailerons.

Wing Characteristics:

6.2.1.1-16

Sw = 166.8 sq in.

Aw = 0.50

A c/4 = 400

ALE = 42.70

bw = 25.86 in.

Aw = 4.0

ArE = 30.50



Control Characteristics:

Symmetric, straight-sided outboard control AHL = 33.260

= 0.25

bf = 12.93 in. (both sides of wing)

Yl

Additional Characteristics:

M = 1.61; 13= 1.262; M2 - I = 1.592

Compute:

Sf = 13.89 sq in. (both sides of wing)

C =
1

I=-- =
1.262

0.792 per rad

(or + I) M4 - 4 (M2 - I) (2.40) (1.61)4 - 4 (1.592)
C2 = =

2(M2- 1)2 2(1.592)2
= 1.925 per rad

tan AHL 0.6558
13 = 1.262 = 0.520;

tan Am 0.5891
=-- = 0.467

13 1.262

/3C'L 6 = 0.0745 per deg (figures 6.1.4.1-208 through -20i, interpolated)

C'L 6 = 0.0590 per deg

I3C' = 0.0370 per deg (figure 6.2.1.1-27)
16

C 16 = 0.0293 per deg

Solution:

~ )
C' ]

~
C2 ) Sf I Yj ( bf '/6 .1 __ t/l

TE
C~ - - - + - -,- (equatIOn 6.2.I.I-h)

C1 6 Sw 2 bw 2bw CL6

= [ _ 1.925 (~)] 13.89 (1..)[ .25 + 6.465(0.0293)]
I 0.792 57.3 (0.0590) 166.8 2 0 25.86 0.0590

= 0.000686 per deg (based on Sw bw) (one control surface deflected on one wing panel)

This compares with a test value of 0.00056 per degree from reference 18.
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2. Plug and Flap-Type Spoilers

r;,ven: The wing-body-tail configuration of reference 18, equipped with plug and flap-type spoilers.

Wing Characteristics:

Aw = 4.0

Spoiler Characteristics:

A
W

= 0.500

Vi Vo Chordwise 0,
Location -

Ca.. Type bW/2 bw'2 %c c

1 Plug 0.15 0.95 0.55 0.05

2 Flap 0.15 0.95 0.55 0.05

3 Plug 0.15 0.95 0.65 0.02

4 Plug 0.15 0.55 0.65 0.05

5 Plug 0.15 0.55 0.65 0.02

Additional Characteristics:

M = 1.61

Compute:

Vi + Yo b,
(C/lealc IC,/I
figure test

Case
bw'2 bw'2 6.2.1.1·30 @a_co

1 1.10 0.80 0.0070 0.0085

2 1.10 0.80 0.0070 0.0080

3 1.10 0.80 0.0030 0.0017

4 0.70 0.40 0.0030 0.0045

5 0.7Q 0.40 0.0016 0.0006
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TABLE 6.2.1.1·A

SUBSONIC ROLLlNG·MOMENT EFFECTIVENESS OF PLUG

AND FLAP·TYPE SPOILERS

DATA SUMMARY

AlrfoU <\'4 i h • ~ ~ ~
C/ c, lk/

). .... ......". ,,",.Ioft .. ,..., C C c M Cok T... C.lc·Tnl,. NACA6&AOO8 3.00 0.40 40.• 0.10 0.1174 0.70 0.16 0.10 0.46 0.13 0.0148 0.015& .Q.OOO7

I I I 0.10 0.66 0.0201 0.0216 .0.0007

I 1.00 0.85 0.0225 0.0261 -0.0036

0.16 0.1674 0.15 0.60 0.46 0.0192 0.0219 .Q.0027

I j 1
0.10 o.e. 0.0289 0.0300 .o.0D31

1.00 0.86 0.0291 0.0,... .o.D063

0.10 0.1174 0.10 0.15 0.10 0.45 0.0139 0.0112 0.OW7

0.10 0.1174 0.80 0.16 0.10 0.46 0.0162 0.0180 -0.0031

NACAOO12-84 4.78 0.61 30.0 0.10 0.1366 0.70 0.10 0.10 0.60 0.13 0.0287 0.0300 .o.D013

I J I I I J I 0.40 0.10 0.40 I 0.0231 0.0267 -0.0021t. NACA66AOO8 4.0 0.10 32.6 0.15 0.1684 0.70 0.138 0.139 0.60 0.40 0.0281 0.0322 -0.0041

j j j j j j I j 1 I j 0.10 0.0290 0.0360 -0.0010

0.10 0..... 0.0341 .0.0043

4 NACA....OO6 4.0 0.10 32.• 0." 0..... 0.682 0.139 0.139 0.60 0.40 0.0112 0.0100 o.CX)12

j j I I 1
0.076 0..... 0.681

t 1 I 0.01. 0.0110 0.0ll0Il

0. 10 0.111M 0.662 0.0220 0.0216 O.llOOO

11 NACA84A010 4.13 1.00 0 0.02 O.ll4lI3 0.07 0.378 0.976 0.80 0.36 0.0077 0..... -o.OllOIl

I J J I I 0.01 0.0883 I I I I I 0.0233 0.0270 .0.0037._-'---_. __ c.._
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TA8LE 8.2.1.1-8

SUPERSONIC ROLLING EFFECTIVENESS OF PLAIN TRAILING·

EOGE·FLAP AILERONS

OATA SUMMARY

C'6 C, l1c,

~
"'-. ~ ;nt ., Sf Y, I... "", 1"'9.. I... :SO,.... c"'" C"'" I"" OW 1W OW M Cole T.. Celc-Tlit

•
II G.. 33.a ...1 8.0 0.10 0.0834 0.21 1.11 0._ 0.000lIO 0.000121

22 '.00 0 0 1.12 0.131 0.070t8 O.OM 1." 0.00ll:M2 0.000223 0.000019

I I I j I I j I 'Al 0.000.)1 0.000313 0.000088

23 1.00 0 0 1.2 0.331 0.0815 o.one 2.01 0.00)151 0.000180 -0.00002I

24 1.00 0 0 7.82 0.131 o.o«n O.OM 1." 0.000130 0.0000II 0.000032

j I I I I j I I 1.41 0.00021' 0.0001'- 0.000038

a 1.00 0 0 7." 0.402 0.01& 0.110 1." 0.000312 0.000270 0.000042

I I I I I j j I 1,41 0.0IXII15 O..OQlM15 o.cXlnoo

I;1~'61
"..... 11'1'01'·--- • 0_

"

TABLE 8.2.1.1-<:

SUPERSONIC ROLLING MOMENT DUE TO SPOILER DEFLECTION

DATA SUMMARY

'\1. ¢ Y. ~. 6, c, c, l1c,.... ....'" A >. ldoo' &;;72 '--"'" C M Col. T.. CeIc.·T...,''c)
II PI... 4.0 0.10 40.0 -0.15

T
0." 0.01 1.81 0.0070 0.0081 -0.0015

F.., I I 0.0010 o.olllO -0.0010

P1uo 0.81 0.02 0.0030 0.0017 0.0013

j 0." I 0.01 O.Oll3O 0.0046 -0.0015

I 0.02 0.0018 0.0001 0.0011

•• F.., 3.10 0.30 41.0 0..3 0.78 0.71 0.04 1.•1 0_ 0.00II -0.0001

0.01 I o.ooee 0.0100 -0.0034

0.075 0.00B7 0.0115 -0.0021

0.04 2.01 0.0040 0.0030 0.0010
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6.2.1.2 ROLLING MOMENT DUE TO A DIFFERENTIALLY DEFLECTED
HORIZONTAL STABILIZER

A large amount of theoretical and experimental work has been directed toward the development of
efficient roll-control devices. The initial studies and tests concentrated on ailerons, optimizing their
size and location to maximize the a'...ailable roll-control power. However, the more recent studies
have investigated auxiliary surfaces or techniques that supplement aileron control to improve
aircraft maneuverability. Among these auxiliary devices considered is the differentially deflected
horizontal stabilizer.

Methods are presented in this section for estimating the rolling moments generated by a
differentially deflected horizontal tail, at subsonic, transonic, and supersonic speeds. These methods
are valid only for body-mounted horizontal tails (due to the empirical tail·dfectiveness parameter)
and are applicable throughout the angle-of-attack range until separation is encountered on the
horizontal tail. No provisions are made to estimate the effects of flap deflections, horizontal-tail
dihedral, or the rolling-moment contribution of the vertical tail; i.e., they are assumed to be
negligible. Comparisons of the estimated and experimental values indicate relatively good
correlation to moderate angles of attack (see Tables 6.2.1.2-A and -B).

Body vortices can have a strong influence on the horizontal-tail loading at high angles of attack. For
body vortices, the flow separates just above or behind the area of minimum pressure along the side
of the body near the nose and wraps up. into a pair of symmetrical vortices that proceed
downstream. The point at which separation first takes place depends upon the angle of attack (the
higher the angle of attack, the nearer the nose separation occurs), the nose·profile shape (the
blunter the nose, the nearer the nose separation occurs), and body cross-sectional shape (sharply
curving lateral contours promote early separation). The vortices increase in size and strength with
increasing downstream distance. These body vortices are accounted for in the methods herein by
using the vortex interference charts found in Section 4.3.1.3. However, the effect of the wing
shock-expansion field on the body vortices is neglected in the supersonic method.

Wing vortices are of equal interest in determining the horizontal-tail loading at high angles of attack.
For closely-coupled configurations having wings and tails of nearly equal span, the wing-vortex
effects can be of particular significance. The wing-vortex effects are accounted for in the downwash
gradient parameter a"f/acx calculated in Section 4.4.1. (Care should be used to select the method
best suited for the configuration.)

To familiarize the reader with the more salient aspects associated with horizontal-tail roll control, a
basic discussion is presented. The discussion is supplemented by graphical comparisons of
tail-roll-control and aileron-roll-control characteristics to illustrate similarities and differences. (Both
the discussion and the illustrations are taken from Reference I, except where noted.)

The interest in evaluating roll control for a differentially deflected horizontal tail is, in general, due
to the inadequate roll-control power provided by conventional roll-control systems; Le., ailerons
and/or spoilers in the transonic and supersonic speed regimes. This inadequacy is due primarily to
wing twist and shock-induced separation of the boundary layer ahead of the control surface. For a
thin flexible wing of a high-speed airplane, the deflection of conventional outboard ailerons can
produce a substantial amount of wing twist that can result in a significant reduction in roll-control
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effectiveness. The boundary-layer separation results in a loss of roll-control effectiveness, as well as
an increase in buffet and drag and a decrease in lift.

The most recent results of tail-roll-control investigations (Reference 2) indicate that tail roll control
is best suited as an aL:xiliary roll-control device, where only moderate differential deflections are
required.

In general, three basic considerations should be kept in mind when designing a tail-roll-control
system.

(I) The tail must provide adequate effectiveness without excessive deflections (large tail and
good effectiveness).

(2) The longitudinal trim requirements of the tail should be minimized to avoid interaction
of roll and pitch controls.

(3) The horizontal tail should be positioned vertically to avoid excessive favorable or adverse
yawing moments.

The first item requires no discussion, as the advantages are apparent. The second item can be a
critical factor and is worthy of careful consideration. For a specific configuration, a wind-tunnel
test is required to determine the interaction effects, since no me.thods presently exist for estimating
this effect. Both the effects of roll control on pitching moments and the variation of roll control
with angle of attack for different stabilizer settings must be considered. It is necessary to avoid
stabilizer trim settings where the roll control might be limited or significantly reduced because of
separation on the horizontal tail as a result of high angles of attack. For example, the landing
configuration for some aircraft may produce control interaction problems. The effects of Item 3
""OVe are discussed in detail in Section 6.2.2.2.

Mach N umber Effects

From the limited available test data (References I through 8), it can be concluded that the variation
ot tail-roll-cor.nol effectiveness Cis with Mach number is small. Within the subsonic regime, the
effectiveness is relatively constant. In the supersonic regime, a slight increase in Cis is noted at a
Mach number of approximately 1.2, and then a progressive decrease in effectiveness is noted with
increasing Mach number because of the decreasing Iift-cUlve slope of the horizontal tail.

In the sub',,~j'; regime, values for Cis due to tail roll control are approximately one-half to
one-rhir.' Jt tllose produced by conventional aHerons at comparable speeds. In the supersonic speed
reglnJe, ';alues for Cis due to tail roll control are comparable to those obtained by using ailerons,
Hnwever, since there will usually be more control deflection available for the ailerons, they will
provide more roll con trol, assuming no aileron reversal is encountered due to wing twist,

Angle-of-Attack Effects

For subsonic Mach numbers, the variation of Cis
configurations. However, for some configurations Clti

6,2.],2-2

with angle of attack is not large for most
can decrease to one-half its original value at



a = 16° to 20° (Refenmce 8). For aileron control at subsonic speeds. the effectiveness generally
drops off rapidly with increasing angle of attack. so that at high angles of attack the values of Cl,
can begin to approximate those for tail roll control (Reference 3). Sketch (a) presents representative
trends for both aileron and horizontal-tail deflections at four different Mach numbers as a function
of angle of attack. (These results were obtained On wind-tunnel models with essentially rigid wings.)
In contrast to the subsonic speed regime. at M = 1.61 the aileron effectiveness increases with
angle of attack while the tail roll control decreases with angle of attack.
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- - - - AlLE1l0NS
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Flap Effects
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The effects of flaps on the tail roll control are shown in Sketch (b) for two different configurations.
Both configurations show a detrimental effect of flaps at low lift coefficients. However, as the lift
coefficient is increased. the tail roll control increases to equal or exceed the flap-retracted value of
Cl,. Insufficient data exist to determine if this trend is consistent for all configurations.
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Dihedral Effects

Reference 6 presents the results of a systematic variation of dihedral angle from 0 to -30" on the
lateral-control effectiveness and the stabilizer characteristics for tail roll control at subsonic speeds.
The results of the investigation show a small variation in the roll effectiveness Ct. with negative
tail-dihedral angle. These small variations did not form a set pattern, but rather were dependent
upon the initial stabilizer angle prior to differential deflection.

Aeroelastic Effects

The effects of wing flexibility are analyzed in the literature (References I and 4) through an overall
rolling effectiveness parameter (pb/2V)/8, which can be expressed as Ct./C1p ' Thus, for a
flexible-wing alrplane in comparison to a rigid-wing airplane, greater rolling effectiveness will be
realized for the flexible-wing aircraft because of the reduction in the wing contribution to roll
damping C/

p
' Sketch (c) presents a comparison of data for a stiff and a flexible wing for both tail

roll control and aileron roll control as a function of Mach number. These data illustrate the
wing-twist problem encountered for thin flexible wings employing ailerons at supersonic speeds. In
con trast, the horizontal-tail roll control shows no adverse effects, but rather an increase for the
flexible wing. Thus one can conclude that for certain cases, i.e., a thin flexible-wing configuration at
supersonic speeds, the tail-roll-control contributioll may be superior to that of conventional
ailerons.

HORIZONTAL TAIL

/I
-= """::r~
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-- RIGID WING
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A SUBSONIC

DATCOM METHOD

The following method is a modification of the method found in Reference I, with the additional
terms accounting for the effects of downwash, body vortices, and tail effectiveness. At angles of
attack less than six degrees the body vortex interference factor iva (H) can be neglected. The
loll-control effectiveness of a body-mounted differentially deflected horizontal stabilizer, based on
Sw bw, is given by

6.2.I.2-a

The proper sign of the rolling-moment coelJicient will result from the expression
C I = CT. (/\ - 6R ). The subscript e refers to the exposed surface (see Section 4.3.1.2 for a
definition of exposed surfaces), and

is the aspect ratio of the total wing.

O€
oa

is the average rate of change of downwash with respect to angle of attack at the
horizontal tail, obtained from Section 4.4.1. Care should be exercised to select
the method of Section 4.4. I best suited for the aircraft configuration.

is the vortex interference factor for a lifting surface mounted on the body
center line. This parameter is given in Figures 4.3.1.3-7a through -7Q for various
exposed-tail taper ratios, relative exposed-tail sizes, and vortex center-line
positions.

z
The vertical and lateral vortex positions required to obtain i"a (H) are ; and

Yo, respectively. At any given station x, they may be obtained from Figures
r

4.3.1.3-l3b and 4.3.1.3-14, respectively, as functions of the parameter
a(x - x.)

where
t

a is the angle of attack in radians.

x is the distance from the body nose to the quarter-chord point of the
MAC of the exposed horizontal tail for subsonic flow. (However, for
supersonic flow x is measured to the midchord point of .the MAC
of the exposed horizontal tail.)

r is the average body radius in the region of the horizontal tail. For
noncircular bodies use the average body depth in the region of the
horizontal tail.

-It Ihoukl be not.:i that the definition of Cia baled on the totel differentiel dliflection (consistent with thelit..ture) does not agree
with CiS in other .etions.
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X,

r
is the nondimensional position of vortex separation, from
Figure 4.3.1.3-13a.

r
breNr

r

It should be noted that Figures 4.3.1.3-7a through -7£ give the vortex
interference factors for a lifting surface mounted on the body center line. If the
lifting surface is not mounted on the body center line, the vertical distance of
the body vortices from the body center line, obtained from Figure 4.3.1.3-l3b,
must be corrected to their distance from the tail before obtaining iv B(H)" This
is illustrated in the sample problem following the subsonic method.

In using Figures 4.3.1.3-7a through -7£ a possible problem can develop when
r

interpolation must be made with respect to A and bw /2' For positions of

r
the vortex near the body, the interpolation in bw /2 can carry the vortex

inside the body. Under these circumstances, it is recommended that the
Yo - r

interpolation be made using for the vortex lateral position in
Yo bw /2 - r

place of bw /2 ' to avoid vortex positions inside the body.

For noncylindricl¥ bodies, caution must be exercised in using the curves in
Section 4.3.1.3 as they are based entirely on cylindrical body shapes.

is the nondimensional vortex strength from Figure 4.3.1.3-15.

is the ratio of the average radius of the body (or average fuselage depth for
noncircular bodies) in the region of the tail to the semispan of the exposed tail.

is the tail-effectiveness factor for configurations with body-mounted horizontal
tails, obtained from Figure I; 2.1.2-22 (from Reference 9).

is the total wing span.

is the ratio of the area of the exposed horizontal tail to the total wing area.

is the lateral c.p. coordinate of the horizontal tail, measured from and normal
to the longitudinal axis. This parameter is given by

1;.2.1.2-6

y =,., (bRe
) + r

H c.p. 2
6.2.I.2-b



where

1)c.p. is the spanwise location of the c.p. of the exposed horizontal tail
(based on the exposed aspect ratio, sweep, and exposed taper ratio).
obtained from Figure 6.2.1.2-23 (from Reference 10).

bl! is the semispan of the exposed horizontal tail.,
2

r is the body radius in the region of the horizontal tail. For noncircular
bodies use the average body depth in the region of the horizon tal
tail.

is the lift-curve slope of the exposed horizontal stabilizer, obtained from
Section 4.1.3.2. Care should be exercised to use the appropriate method in
determining this parameter because of its significant influence.

The total angular deflection of the control surfaces Ii is measured in a plane parallel to the plane of
symmetry, and is positive for the left control surface deflected trailing edge down and the right
control surface deflected trailing edge up.

Sample Problem

Given: The configuration of Reference 3

Wing Characteristics:

Sw ; 666.7 sq in.

Xw = 0.247

bw ; 47.56 in. Aw ; 3.39

Root Section NACA 65-006

Tip Section NACA 65-005

6.2.1.2-7



IloriLontal-Tail Charactnistics:

t 02A sq in.

h
H

= -3.0 in.

Add,t;onal Charactcristics:

hH = 18.24 in.,

AH = 3.50

'" = 45°('/4

~H = 18.25 in.

bH = 24. I I in.

AH = O.t87,

"'e/2 = 38.2°

L"w speed: {3 "" 1.0

r = 2.935 in.

Compute:

d ll = 5.87 in.

z' = 0.49 in.

x 66.0 in.

Calculate (CLOH ), from Section 4.1.3.2

c'O = 0.105 per deg (Table 4.1.I-B, for 65-(06)

K = =
c /{3'0
211/{3

57.3 (0.105)

211
= 0.9576

=~II.o+(0.788)21t/~ = 4.32
0.9576

0.935 per rad (Figure 4.1.3.2-49)

= 0.0530 per deg

jqqH\
Calculate ., \ I

dH 5.87

bH 24.11
0.243

'1(:H) = 0.789 (Figure 6.2.1.2-22)

6.2.1.2-8



Calculate YH

(I) (3.25)
= 3.394

0.9576
=

"

(Ap)R = tan- {an;C/~ = tan- 1H) = 45°

{JAHe

'lC.p. = 0.429 (Figure 6.2.I.2-23)

YH = 'I (b
He

) + r (Equation 6.2.1.2-b)
c.p. 2

= (0.429) C8~24)+ 2.935 = 6.85

YHSHe 6.85 102.4
----'- = ---- = 0.0221

47.56 666.7

Calculate ~~ from Section 4.4. I. (Method 2 is used because this configuration is similar to

other configurations used in the substantiation of the method presented in Table 4.4.I-B.)

(Equation 4.4. I-h)

K
A

= 0.183 (Figure 4.4.1-69a)

K, = 1.324 (Figure 4.4.1-69b)

2~H 2(18.25)- = = 0.767
b 47.56

2hH 2(-3.0)- = = -0.126
b 47.56

KH = 1.16 (Figure 4.4.1-70, extrapolated)

Of
- = 4.44 [(0.183) (1.324)(1.16) (0.862)]1.19
oO!

= 4.44 [0.2423)1.19 = 4.44 [0.1851]

= 0.822

6.2.1.2-9



Calculate the body vortex interference factors from Section 4.3.1.3

r 2.935
=(bH/2) 912

0.322

(

X - Xs)ex --_.
r

ex

57.3

o ® ® ®

c- X) Yo
Q xs/r 5:3 -,-' YaIr zo/r

r
zo/r --- --

2rraVr bHe'2

(deg) (Fig.4.3.1.3-13aJ (Fig. 4.3.1.3·141 (Fig. 4.3.1.3-13b) (corrected)- {Fig. 4.3.1.3-151 010.322)

0 - - - - - - -

4 - - - - - - -

8 16.9 0.782 0.600 1.13 1.297 0.55 0.193

12 11.25 2.356 0.705 1.62 1.787 0.895 0.227

16 8.55 3.895 0.747 1.90 2.067 1.215 0.241

20 7.0 5.410 0.762 2.075 2.242 1.58 0.245

'0

iV8tH ) (2.:V' )(bH>)Q --- i
bH /2 v81H)

•
(deg) ® 10.3221 (Fig.4.3.1.3-7a-Q) @(DIO.3221

0 - - -

4 - - -

8 0.418 -0.190 -0.03365

12 0.575 -0.300 -0.08646

16 0.666 -0.296 -0.1158

20 0.722 -0.297 -0.1511

*The vertical location of the body vortex- must be adjusted to account for the true location of the horizontal tail (Figures 4.3.1.3-7a
through ·7Q assume the horizontal tail is mounted on the body center Iinel. Since the horizontal tail is located below the body

(' ) ,.
center line, the vertical distance of the vortex is increased; i.e., .....2. '" ---2. +.!.. where z' is the distance of the

r corrected r r

horizontal tail below the center line.

6.2.1.2-10



Solution:

(Equation 6.2.1.2-a)

= .!.[~1 _11(3.39) (0.822)[ + i,. (r) (_r
j
_)] (0.789) (0.0221) (0.0530)

2 57.3 BIH) 211aVr bH 2,

• ;vBIHI (2':V') «12 ) Cf,
Idegl (per deg)

0 - 0.00039'

4 - 0.00039'

B ~.03365 0.000375

'2 ~.OB646 0.000351

'6 -0.1158 0.000338

20 ~.'511 0.000321

The calculated results are compared with test values from Reference 3 in Sketch (d).

20

( .

.
:'j

()

-- CALCULATED
0 EXPERIMENTAL

0 8 12 16

.0004

.0006

o

(per deg) ,0002

a (deg)

SKETCH (d)
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B. TRANSONIC

DATCOM METHOD

Because Mach number effects on roll-control effectiveness are very small, no separate solution is
presented in the transonic regime. The existing methods are considered to be applicable in the
transonic regime; i.e.,the subsonic method forM < 1.0. and the supersonic method for M> 1.0.
flowever. it should be emphasized ~hal the transonic methods must be used to calculate the various
components of the roll-control~t;I;"I.'-':'l\'~':~c~sequations; i.e., the values of a"Ejoa, (CLa ) • and
(

)
. h . . H,

eN . In t e tran50nIC speed ft'glI1H.'.
I, l~ H e

(. SUPERSONIC

"'.TCC'·' METHOD

The following method is a modific"ti('" "f the method found in Reference I, with the additional
terms accounting for the effects of h'1(]Y vertices and tail effectiveness. In contrast to the subsonic
method, this method ilccounts 1'0;- the· ~JJl effectiveness and the downwash due to wing vortices in

the empirical factor of 0.35. At angles of attack less than six degrees the body vortex interference
factor iVBt<ll can be neglected. The roll-control effectiveness. of a body-mounted differentially
deflected horizontal stabilizer, based on Sw bw, is given by

6.2.1.2-c

The proper sign of the rolling-moment coefficient will result from the expression
(I ~ CI, (8 L - 8R ) The subscript e refers to the exposed surface (see Section 4.3.1.2 for a
definition of exposed surfaces), and

are tail-body interference factors obtained from Figures 4.3. I. 2-l2b and -I2a,
respectively, of Section 4.3.1.2. Care should be taken to use the appropriate
empennage geometry with these figures; i.e., the average body diameter in the
region of the horizontal tail and the horizontal-tail span.

is the normal-force variation with angle of attack of the exposed horizontal tail
obtained from Par_graph C of Section 4.1.3.2. Care should be exercised to use
the correct method for the specific geometry and to apply the appropriate
correction factors where applicable, e.g., those on Figure 4.1.3.2-60.

is the lateral center-of-pressure coordinate of the horizontal tail measured from
and normal to the longitudinal axis. For the supersonic case, it is assumed that
the lateral center-of-pressure coordinate is located at the 4o-percent position of
the semispan of the exposed tail; i.e.,

6.2.I.2-d
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All remaining terms have been previously defined in the subsonic method of this section. (It

should be noted that the c.p. of the horizontal tail at supersonic speeds is assumed to be
located at the midchord point of the exposed tail MAC in defining the parameter x.)

The total angular deflection of the control surfaces Ii is measured in a plane parallel to the plane of
symmetry, and is positive for the left control surface deflected trailing edge down and the right
control surface deflected trailing edge up.

Sample Problem

Given: Model 2 of Reference 8

f---- x ---==--,1
~====~/1-

Wing Characteristics:'

Sw = 144.0 sq in. bw = 24.0 in.

Horizontal-Tail Characteristics:

SH = 18.24 sq in:
e

AH = 4.0

Additional Characteristics:

bH = 10.73 in. bH = 7.4 in.
e

AH = 3.0 ~H = 0.6 ~H = 0.685
e e

ALE = 46.7° Airfoil: Double Wedge; tic = 0.04

M = 2.01; 13 = 1.744 r = 1.665 in. x = 36.59 in.

6.2.1.2-13



Compute:

Calculate (CN•H) e froin Section 4.1.3. 2

tan ALE

{3
=

1.0625

1.744
= 0.609

All tan ALE = (3.0) (1.0625) = 3.1875
e

{3 (CN.) = 4.02 per rad (Figure 4.1.3.2-56 (d), (e), (f), interpolated)

CN = 2.305 per rad
•

{3 cot ALE = (1.744) (0.9424) = 1.64 (supersonic leading edge)

The supersonic wing lift-curve-slope correction factor will be applied because of the
supersonic leading edge.

tic = 0.04 and double-wedge airfoil

t:.y = 0.25 (Figure 2.2.1-8)

= 0.25

0.6858
= 0.365

(CNo: )theor,
= 0.995 (Figure 4.1.3.2 -60)

(0.995) (2.305) = 2.293 per rad = 0.040 per degree

Calculate the tail-body interference factors from Section 4.3.1.2

2( 1.665)

10.73
= 0.3103

kB(H) = 0.324 (Figure 4.3.1.2-12a)

(3AH = (1.744) (3.0) = 5.232
e

kH(B) = 0.983 (Figure 4.3. 1.2-1 2b)

kB(H) + kH(B) = 0.324 + 0.983 = 1.307

6.2.1.2-14



Calculate the lateral center-of-pressure coordinate

Y
H

= 0.4 C;e) + r (Equation 6.2.1.2-d)

:;: (0.4) (3.7) + 1.665 :;: 3.145 in.

(3.145)(18.24)

(24.0) (144.0)
= 0.0166

Calculate the body vortex interference factors from Section 4.3.1.3

r 1.665
= 0.45= --

bH /2 3.7
e

ae ~ x
s
)

a (36.59 x.) a ( X
s )= -- --- - = - 21.98--

57.3 1.665 r 57.3 r

Q) ® @ 0 ® @ 0) ®

c- X) Yo
xsJ, 5;,3 -,-' ya'r laIr zo'r

r• 21!'ClIV, bHe /2

Idogl lFig.4.3.1.3·'3a1 (Fig. 4.3.1.3-14) IFig.4.3.1.3-13b1 (corrected'- (Fig. 4.3.1.3-15) 010.451

0 - - - - - - -

4 - - - - - - -
8 17.0 0.695 0.590 1.110 1.110 0.54 0.265

12 11.15 2.268 0.700 1.600 1.600 0.87 0.315

16 8.52 3.758 0.742 1.880 1.880 1.18 0.334

'0 ;y.nil (2':W)(.:.12 )• -- iVBfH)bHe/2

Idog) @IO.451 (Fig.4.3.1.3-7..i) @010.451

0 - - -
4 - - -
8 0.499 -tt.125 -0.0304

12 0.720 -0.226 -0.0885

16 0.846 -0.242 -0.1286

'( '0) Zo Zo- ., - - 0 • - hailloatNi on body ClInt., line).
r corrected r r
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Solution.

(Equation 6.2.1.2-c)

035 [i (_r_) (_r_) + 1307] (0.040) (0.0166)
'B(H) 27foNr bH /2,

0.000232 [i (_r_) (-'-)1 + 0.000303
'B(H) 27foNr bH)2 J

" ; I_r )(-') CI,

(deg)
VS(H) \ 27rClVr bH /2

(per deg)

0 - 0.000303

4 - 0.000303

8 -0.0304 0.000296

12 -0.0885 0.000282

16 -0.1285 0.000273

The calculated results are compared with test values from Reference 8 in Sketch (e).

-- CALCULATED
o EXPERIMENTAL

.0004

.0002

(per deg)

o

(. ;J

0 8 12 16
a (deg)

SKETCH (e)
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TABLE 6.2.1.2-A
SUBSONIC TAIL-ROLL·CONTROL EFFECTIVENESS

DATA SUMMARY AND SUBSTANTIATION

Ref, M Aw 'w bw A
LEW AH• 'H. bH A

LEH • CIO CIO "'C/O
(in,) linJ Calc. Telt

2 0.7 4.07 0.3 22.52 31.5° 2.146 0 13.06 57.5° 0 0.000872 0.00114 -0.000268

• 0.000872 0.00116 -0.000288

8 0.000836 0.00132 -0.000484

I 12 0.000784 0.00112 -0.000336

16 0.000741 0.00112 -0.000379

3 0.05 3.39 0.247 47.56 47.2° 3.25 0.187 24.11'" 50.5° 0 0.000391 0.00039 0

• 0.000391 0.00039 0

8 0.000375 0.000361 0.000014

12 0.000351 0.000336 0.000015

16 0.000338 0.000352 -0.000014

20 0.000321 0.000445 -0.000124

6 0.6 3.0 0.14 27.39 38.7 0 3.084 0.588 16.12 18.ao 0 0.000575 0.00069 -0.000115

j I I
5 0.000575 0.00069 -0.000115

10 0.000544 0.00074 -0.000196

15 0.000506 0.00077 -0.000264

11 0.13 2.99 0 367.7 53.2° 3.917 0.50 221,4 10° 0 0.000187 0.00055 0.000237

• 0.000787 0.00065 0.000137

8 0.000740 0.00081 -{).OOOO7

12 0.000720 0.00084 -0.00012

16 o00069fi 0.00078 -0.000084

20 O.OOO67~.O.OOO72 -0.000046

~. -_._--
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TABLE 6.2.1.2-A (CONTOI

Ref. M Aw '-w Ow A
LEw A H• 'H. b H ALEH • Ci, Ci, 4oC'6 I(in.) (in,' Calc. Test

7 0.96 4.0 0.6 72.0 46.7° 3.275 0.668 30.7 46.6" 0 0.000358 0.000315 0.000043

1 4 0.000358 0.00040 -0.000042

0.90 0 0.000367 0.000325 0.000042

4 0.000367 0.000373 -0.000006

8 0.000345 0.00045 -0.000105

12 0.000327 0.000385 -0.000058

16 0.000311 0.000325 -0.000014

0.80 0 0.000352 0.00035 0.000002

4 0.000352 0.00040 -0.000048

8 0.000332 0.00035 --0.000018

12 0.000315 0.000415 -0.0001

16 0.000299 0.000368 -0.000069

20 0.000284 0.000265 O.OOO()19

2 0.9 4.07 0.3 22.52 31.5° 2.146 0 13,06 57.5° 0 0.000954 0.00119 -0.000236

4 0.000954 0.00119 -0.000236

8 0.000914 0.00130 -0.000386

12 0.000856 0.00112 -0.000264

16 0.000813 0.00088 -0.000067

0.8 0 0.000913 0.00124 -0.000327

I
4 0.000913 0.00122 -O.(JOO::1J7 ,

I

8 0.000875 0.00126 _O.01r~3'r

12 0.000820 0.00122 -0.0004 !

16 0.000774 0.00096 -0.00016:6
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TABLE 6.2.1.2·B
SUPERSONIC TAIL·ROLL·COIHROL EFFECTIVENESS

DATA SUMMARY AND SUBSTANTIATION

I
Rt>! i M bw

(in.)

!\LE
H

c,.,
C,llc.

CI,
Test

0.000063

0.000123

0.000144

0.000095

0.000082

0.000094

0.000023

0.000')72

0.000310

0.000043

0.000016

0.000013

0.000034

0.000012

0.000014

-0.000035

-0.000018

-0.000035

-0.000029

-0.000006

~O.oOO020

-0.000029

0.00036

0.00049

0.00028

0.00049

0.00028

0.00035

0.00039

0.OG029

0.00042

0.00040

0.00025

0.00046

0.00034

0.000425

0.00040

0.00028

0.00034

o 0.000455

4 0.000455

4 (1.000371

8 0.000370 I 0.00039

8 (1.000393

12 0.000374
I

16 O.o0fJ362I

o O.OG03IJ31

I 4 I.\OOl'303 I

a C.0OO454

I 12 G.000435II

161 0.000423

o 0,000371

112 0.000354

I
16

1

' 0.000345,

o 0.000402'

4 0.0004021

1
46

/

0

I
I

1

12.12

1073

0.
468

1

0.685

3.0

3.0

I 38.1°

I
I
I
I,

I

I
I
I

I
j 49.4°

I
I

I
I
!

I

24.0

25.310.5

,
I
I

I
I ! !

I j iJ ll.0002')6

I I ' I 12 I0.00028" j 0.00021

I
I ~ ! 16 1 0.000273: 0.00015

, 0.:31 22.681 60° 2.23 0.197 le,,4 60° I 0 I 0.00(>6',,: 0.0"050 '

I I' I I i 4 i 0.0006441 0.000""

I
' i j I j Ui 8 i 0000605 000050 0'000;.j'05

I I [ 12 1 0000fi80 000043 0.00015

~._~ l_t
,iL__--.J ,---__ _ ~~"-Lo 00~5~1 ..0_0_0_03_8__L_o_.O_0__0171

I
~

186

I

1.61 I 4

I
I•

i.

201 I

I 141

2.01

i
I
i
I

I

lL I 2.01

8

~cJel

2
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TABLE 6.2.1.2-B (CONTO)

Ref. M Aw "w bw I\LE
W

AH "He bH ALEH a Cf, C" l:.C'6e
(in.) (in.) Calc. Test

, 1.00 4.0 0.6 72.0 46.7° 3.275 0.668 30.7 46.7° 0 0.000387 0.000350 0.000037

1
I

4 0.000387 0.000365 0.000022

8 0.000370 0,000300 0.000070

1.05 0 0.00036 0,00035 0,00001

I l 4 0.00036 0.00040 -0.00004

I I2 1.20 4.07 0.3 22.52 31.50 2.146 0 13.ll6 57.5° 0 0.00148 0.00135 0.00013 ,,
4 0.00148 0.00137 0.00011 I

8 0.00143 0.00140 0.00003

12 0.00138 0.00131 0.00007

16 0.00121 0.00112 0.00009

13 1.60 1.564 - 31.50 72.50 2.111 0.186 14.834 57.5° 0 0.000872

5 0.000812

10 0.000840

15 0.000810

20 0.000769

2.16 0 0.000703

I
5 0.000703 (.1

10 0.000618

15 0.000655

2.50 0 0.000610

I 5 0.000610

10 0.000588

15 0.000568

'(a) This Information Is claulfled CONFIDENTIAL.
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"" Span of horizontal wi
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Ref: NASA TR·R49
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SUBSONIC SPI!EDi

IlAHe

70

70

1'0

50 60

50 60

° 10 20 30 -40
(Ap) (cleg)

° 10 20(Ap) (deg)

° 10 20
(Ap)H (cIeg)

VAlUATION OF SPANWISE LOCATION Of CBNTD Of PRESSURE
WITH COMPRESSIBLE SWEEP. ASPECT RATIO, AND TAPER RAnO

6.2.1.2-23

I K
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6.2.2.I-a

6.2.2 YAWING MOMENT DUE TO ASYMMETRIC DEFLECTION OF CONTROL DEVICES

6.2.2.1 YAWING MOMENT DUE TO CONTROL DEFLECTION

Yawing moments due to aileron deflection arise from two sources. The fIrSt is the asymmetric change in
the induced drag of the wings; the induced drag of the wing with the down-going aileron increases and that
of the wing with the up-going aileron decreases. The second is the increase in profile drag due to flap deflec
tion. The profile drag increases almost equally for positive and for negative flap deflections. The yawing
moments due to the profile-drag increments of antisymmetrically deflected ailerons therefore tend to cancel.
The methods of this section for estimating the yawing moment due to aileron deflection are derived from
induced-drag changes and neglects contributions due to prome drag.

For spoilers that deflect on one wing panel at a time, the profile drag cannot be neglected. The methods
presented for estimating the yawing moment due to spoiler deflection therefore include the contributions
due to induced-drag and prome-drag changes.

Additional discussion on the aerodynamic aspects of aileron and spoiler controls is found in Sections
6.1.1.1,6.1.1.2,6.1.1.3, and 6.2.1.1.

A. SUBSONIC

DATCOM METHODS

Aileron-Type Controls

The method for determining the yawing moment of plain trailing-edge-flap controls is taken from Reference I
The method is empirical in nature and is based on a limited amount of test data.

For aileron-type controls that extend to the wing tip, the yawing moment due to aileron deflection resulting
from the unsymmetrical change in induced drag may be approximated by

(SL - SR)
Cn = KCLC,S 2

where

K is an empirical factor,depending upon planform geometry, obtained from Figure 6.2.2.1-9. This
design chart is taken from Reference I and is based on the data ofReferences2 through 7.

C IS is the rolling effectiveness of the aileron (per radian), obtained by using the method of Paragraph
A of Section 6.2.1.1 for the appropriate subcritical Mach number.

~ is the lift coefficient for zero aileron deflection.

SR is the right-hand control deflection in radians (positive trailing edge down).

SL is the left-hand control deflection in radians (positive trailing edge down).

For aileron-type controls not extending to the wing tip, Equation 6.2.2.I-a is used to compute the difference
in the yawing moments of two hypothetical ailerons-one extending from the inboard location of the actual
aileron to the wing tip and the other extending from the outboard location of the actual aileron to the wing
tip. The difference in the yawing moments of these two hypothetical ailerons gives the yawing moment of
the actual aileron.
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The method is valid for attached-flow conditions only; i.e., wing angle of attack and control deflection where
no flow separation exists.

A sample problem illustrating the use of this method is presented on Page 6.2.2.1-3.

Not enough test data are available to permit either an independent verification or an extension of this
method. Therefore, caution should be used in applying the method to configurations whose geometric
parameters fall outside the ranges of those of the configurations ofReferences2 through 7 (see Figure
6.2.2.1-9).

Spoilers

Plug and Flap-Type Spoilers

The subsonic yawing moment due to spoiler deflection is obtained from Figures 6.2.2.1-1 0 and 6.2.2.1-11
for straight wings and swept wings, respectively. The charts are from Reference I and are based on the data of
References6 through 11. They are applicable to plug and to flap-type spoilers at zero angle of attack and for
spoiler heights above the wing surface between 2 and 10 percent of the local wing chord. However, the
applicability of the charts to inboard spoilers on swept wings is questionable.

Not enough experimental data are available to permit either an independent verification or an extension of
this method. Therefore, the method is limited to the ranges of parameters presented on the design charts.
It should be noted that the swept-wing design chart is based on test data from configurations with a con
stant spoiler chordwise location of 0.70c.

The design chart values of Cn are for a spoiler deflected on one panel based on the total wing area and
Wlng span.

Sample Problem 2 on Page 6.2.2.1-4 illustrates the use of this method.

Spoiler-Slot-Deflector

The use of spoiler-slot-deflector combinations increases the effectiveness and hence the yawing moment due
to spoiler deflection. The yawing moment due to a spoiler-slot-deflector combination at zero angle of attaCk,
where the spoiler deflection is equal to the deflector dcflection (8,18. = 1.0) is given by

where

(C) =K(C)n spoiler-slot-deflector %'I plain 'paller 6.2.2.I-b

K

(C n) plain
spoiler

is the ratio of the yawing-moment coefficient of a spoiler-slot-deflector to that of a
plain spoiler, obtained from Figure 6.2.2.1-1 2 as a function of the compressible sweep
parameter M cos /\c/4. 'Otis chart is based on data froonReferences 12 through 14.

is the yawing-moment coefficient of a plain flap-type spoiler deflected on one wing panel,
based on the lotal wing area and span, obtained from either Figure 6.2.2.1-1 0 or
6.2.2.1-11.

For higher angles of attack, a decrease in Cn due to piug and to flap spoilers is experienced. As the stall is
approached, the yawing moment for these spoilers becomes zero. The use of a slot and deflector in combina
tion with a plug or a flap spoiler improves its effectiveness at high angles of attack (see Section 6.2.1.1) and
hence gives a significant yawing-moment increment for these angles.

Not enough test data are available to extend this method to configurations employing differential spoiler
deflector deflections.
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Application of this method is illustrated by sample Problem 3 on Page 6.2.2.1-4.

Sample Problems

I. Aileron-Type Control

Given: The wing-eontrol configuration ofReference 4.

Wing-Control Characteristics:

Aw = 3.94 AW = 0.625

Sw = 32.8 sq ft
Yl

0.50=
bw /2

Additional Characteristics:

Low speed

bw = 11.38 ft

(J< (deg) CL

2 0.110

C16 (per rad)

0.1180

Compute:

4

6

0.230

0.350

0.1158 Test results

0.1126

K = -0.261 (Figure6.2.2.I -9)
6

L
- 6R

-=--~ = 150 = 0.262 rad
2

Solution:
(6

L
-6R )

Cn = KCLC
16

2 (Equation 6.2.2. I-a)

= (-0.261) (0.262) CL C
16

=-0.0684C
L

C1
6

(Jt c
16 ICnlcol(v

(dog) CL (per nten 00 ...Q.06ll4 • (Cnl twt

2 0.110 0."80 0.01298 -0.00089 -0.0010

• 0.230 0.1158 0.02663 -0.00182 -0.0018

6 0.360 0.1126 0.03941 -0.00270 .Q.0026
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These test data have been used in the derivation ofFigure 6.2.2.1-9; therefore, the sample problem is
not an independent verification of the method.

2. Spoiler

Given: The wing-control configuration ofReference 15.

Wing-Control Characteristics:

Sw = 324 sq in. Xw = 0.60 = 4.0 bw = 36.0 in.

Flap-type spoiler

= 0.639

Solution:

b
\/c 0.70

,
0.50= =

bwf2
6,

= 0.025,0.05,0.075,0.100
c

c n
6, fJ sIc cn

cn-
• Fi,.6.2.2.'·11 Cal• T...

.025 0.04 0.0010 0.00085

.050 0.04 0.0020 0.0020

.075 0.04 0.0030 0,0031

.100 0.04 0.0040 0.0034

3. Spoiler-Slot-Deflector

Given: The wing-control configuration of Referencel 5. This is the configuration ofSample Problem 2
with the addition of a slot opening and a hinged deflector.

Wing-Control Characteristics:

Sw = 324.0 sq in. bw = 36.0 in. =-
c c

The following test values of (Cn ) pWn 'poU.,·

6, (Cn)Plaln

• IPOUer
(tnt result.

fromR8f.16)

.025 O.(K)085

.050 0.0020

.075 0.0031

.100 0.0034
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Additional Characteristics:

M = 0.40

Compute:

M cos 1\,/4 = 0.40 (0.8425)

K = 2.33 (Figure 6.2.2.1-12)

Solution:

= 0.3370

(Cn) ,poiler.
lIot
deflector

= K (Cn ) plain (Equation6.2.2.1-b)
spoiler

6, len) spoller--slot-deflector len) spoller-s1ot-deflector
-

(en' plain spoiler, Calc Test

.025 0.00085 0.0020 0.0025

.050 0.0020 0.0047 0.0042

.075 0.0031 0.0072 0.0080

.100. 0.0034 0.0079 0.0090

B. TRANSONIC

Force and moment characteristics at transonic speeds are difficult to generalize because of the nonlinear
nature of the flow equations and interacting shock-wave-boundary-layer separation effects (see Section
4.1.3.2). The method presented here is intended to give a first-order approximation only and to provide
a guide to aid in fairing between subcritical and supersonic speeds.

DATCOM METHOD

No specific charts are presented for determining the transonic yawing moment of lateral-eontrol devices. The
best source of information of this type is experimental data on similar configurations. If such information is
not available, the following approach may be used as a guide in fairing between subcritical and supersonic
speeds.

A first-order approximation of the transonic yawing moment of lateral-control devices is given by

CLa
= (C )

n M = 0.6 Ic )
\ La M=0.6

where

6.2.2.I-c

(Cn) M. 0.6 is the yawing moment of the control at M = 0.6, obtained by using the appropriate
method of Paragraph A of this section.
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is the transonic wing-lift-curve slope, obtained from Paragraph B of Section 4.1.3.2.

(C) is the wing-lift-curve slope at M; 0.6; obtained by using the straight-tapered-wing
La M = 0.6 method of Paragraph A of Section 4.1.3.2 (Figure4.1.3.2-49\.

It should be noted that this approximation applied to spoilers neglects the effect of transonic wave drag,
which can be very significant. Therefore, when applied to spoilers, the method should be considered only
for the purpose of establishing the trend through the transonic region, and not as an approximation of
the magnitude of the yawing moment.

C. SUPERSONIC

Methods are presented at supersonic speeds for approximating the yawing moment due to aileron-type
controls and to plug or to flap-type spoilers. No method is presented for estimating the supersonic
yawing moment due to spoiler-slot-detlectors. Published test data on spoiler-slot-cleflector characteristics
at supersonic speeds are extremely limited. References 16 and 17 present test data on spoiler-slot
detlector controls at supersonic speeds.

DATCOM METHOD

Aileron-Type Controls

Supersonic values of yawing moment due to flap deflection are obtained from Figure 6.2.2.1-13. This chart
is taken from Reference I and is based on the method of computing drag due to lift in Reference 18 and on
a limited amount of test data from References 19 and 20.

Not enough test data are available to permit either an independent verification or an extension of this
method. Therefore, caution should be used in applying the method to configurations whose geometric
parameters fall outside those of the configurations of References 19 and 20 (see Figure 6.2.2.1 -13).

Spoilers

Plug and Flap-Type Spoilers

The supersonic yawing-moment coefficient due to spoiler deflection of a plug or a flap-type spoiler,
deflected on one panel, based on the total wing area and span. is obtained from Figure 6.2.2.1-14 as a
function of Mach number and configuration geometry. The design chart is based on the data from
References I0 and 21 through 23.

A comparison of test values with results calculated by using this method is presented asTable 6.2.2.I-A.
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TABLE 6.2.2.1·A

SUPERSONIC YAWING MOMENT DUE TO SPOILER DEFLECTION

DATA SUMMARY

00001

c.ooel)

0.0005

('.0040

O.OQo·~

0.0007

o

a

0.0011

0.0058

0.0033

0.0010

0.0016

0.0001

0.0003

·0.0014

·0.0003

-0.0019

-O.OO~S

-0.('016

-0.0011

0.0004

o

0.0008

0.0020

0.0070

v.0021

0.0026

0.0020

0.0056

0.0010

0.0049

0.0012

·0.0008

1-0·0008

o

030

060

025

040

018

010

052

015

011 I 0.00:.25

0030 0.0025

033 I' 0.OO2G

045 0.0043

Ola I 0.0014

0'25 I 0.a019,
010 I 0.0005 0.0005

01~0.OO11 0.0?~1_~

ltic I I
n 0,0012 I

n -1

0040

0016

0015

0021

0030

0015

0008

Avnrllge Error
1 .

"
11.,/4 1 ~

Spoiler

Yo
Chordwise 6,
location C-- -

R.f $poile' A A (deg) "w/2 bW/2 (%c) , I M C,

24 Plug 4.0 0.50 40.0 0.15 0.95 0.55 0.05 1.61 0.0

i
I j I I

I
i

I
Flap i I I 0.0,

I . Plug 0.65

I
I 0.0

1

I

1
I

I
0.55 t O.

I lI 0.02 0.0

22 Plug 2.50 0.625 5.3 0.20 0.95 0.75 0.05 I 1.90 0.0

I l 0.02 I I 0.0

I
I

0.45 0.05 I 0.0

I I I 0.02 I 0.0
!

I
I 0.10 0.05 I D.

l 0.02 I D.
j

0.45 0.05 j O.

I 0.02
I

O.

I23 Flap 3.20 0.40 19.2 0.28 0.15 0.11 0.031 1.55 0.0

j I I
: I

0.095 i I 0.0

0.037 I 1.90 O.I i
0.095

I I I O.

0.031 2.35 I 0.0

: 0.095 I i Qt I

21 Plug 2.50 I 0.625 47.16 0.20 0.95 0.65

I
0.04

I
L\6 0.0

I I I
,

! I

I
0.06 I 0.0

I
, , I

I 0.10 I I 0.04 i
1 ~.e

l
I

1 I
I I

I 0.01';

J
00

j I
I

0.45 0.04 I 0.0

I I I
1_ 006

, 0.0
i

.
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6.2.2.2 YAWING MmlENT DUE TO A DIFFERENTIALLY DEFLECTED
HORIZONTAL STABILIZER

No methods are available for estimating the yawing moments due to a differentially deflected
horizontal stabilizer, and the data available for correlation are limited. However, a brief discussion,
taken essentially from Reference I, is given pertaining to the qualitative and quantitative aspects of
yawing moments associated with tail roll control.

Associated with tail roll control are yawing moments, varying in magnitude and direction as a
function of Mach number, angle of attack, and vehicle geometry. These yawing moments can be
attributed to (I) the pressure differential induced on the vertical tail as a result of the differentially
deflected horizontal tail, (2) the drag component associated with each horizontal-tail panel, and
(3) the dihedral of the horizontal tail. For most configurations and test conditions, the differential
pressure on the vertical tail is the dominating factor.

Yawing-mument data are generally presented in the form of the parameter Cn, /C
"

(ratio of
yawing moment to rolling moment produced by roll control). For low-horizontal~tail configura
tions, tail roll control up to M "" 1.0 produces very large favorable yawing moments, which
decrease with increasing angle of attack but tend to remain positive over the angle~of-attack range
(a "" 0 to 22°) for which test data af' available. These large yawing moments are due primarily to
the induced pressure differential on the vertical. panel. This pressure differential on the vertical tail
also tends to reduce the rolling moment for a low-tail configuration.

At supersonic speeds, the load carry-over from the horizontal tail to the vertical tail decreases with
increasing Mach number. The attendant result is that at supersonic speeds the tail roll control will
produce smaller favorable yawing moments at low angles of attack and possibly adverse yawfng
moments at high angles of attack. For a specific configuration, if the Mach number is high enough,
adverse yaw due to tail roll control is a possibility throughout the angle-of-attack range. Sketch (a)
presents representative yawing-moment data produced by roll control for a low-tail configuration as
a function of Mach number and angle of attack.

-- HORIZONTAL TAIL
----- AILERONS

M=O.80 M= 1.0

2010
a (deg)

M = 1.61

20 010
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--- ..... ---"

10 20 0
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o

M=0.19
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r
-----

Gao -- _
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-2

i I

The vertical position of the horizontal tail is the most important parameter in determining the
relative magnitude and direction of the yawing moment due to roll control (References I and 2).
The variations in yawing moment due to roll oontrol shown in Sketch (b) are representative of the

6.2.2.2-1



effect of the horizontal-tail location. These variations would enable the designer to position the
hOflzontal tail to avoid large undesirable yawing moments, longitudinal stability permitting. In this
connection. it may also be pointed out that if a venlral fin is used on the airplane for high-speed
stability. the yawing moments for a low tail position would be smaller. If the yawing moments
l"<H1not be adjusted to a satisfactory value by positioning the tail, it might be necessary to adjluf
them by linking the rudder in with the tail roll control.

I ~__________ TAIL POSITION

~WW
o ===---

I~ INTERMEDIATE
I HIGH

~I r i

0102030
a (deg)

SKETCH (b)

Dihedral Effects

The results of dihedral variation on yawing moment due to roll Cn,/C/, are of significant
importance. The lateral component of the horizontal-rail loads increases with negative dihedral, and
the load induced on the vertical tail by differential horizontal-tail defiection is reduced by increases
in negative dihedral. The combined effect of thesi.-': tv, 0 phenomena is a substantial increase in the
yawing-moment parameter Cn,IC/, with increasing negative dihedral angle over a large
angle-of-attack range. The variation of the yawing moment due to tail roll control is shown in
Sketch (c) (Reference 3). Consequently, if negative tail dihedral is employed on a low-tail
configuration to improve the linearity of the pitching-moment curves, for example, and differential
tail defieetion is utilized to augment low-speed roll control; then the favorable yawing moment

associated with tail roll control will be aggravated furl her. Of course, if a ventral fin is employed on
the configuration, the loads induced on the ventral would be increased, tending to offset the

additional yawing moment due to negative dihedral; however, this effect would not be strong
enough to cancel the effect created by negative dihedral. On the other hand, for low-tail
configurations at supersonic speeds wheH~ the Y3wing moment due' to tail roll control is adverse,
negative tail dihedral would be favorable.

SUBSONIC SHEDS
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Flap Effects

The effects of flaps on yawing moment due to roll control are shown for two different
configurations in Sketch (d). Both configurations show a substantial increase of Cn,ICI, with flap
deflection at low lift coefficients. This increase is primarily the result of a decrease in roll

effectiveness q,.
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6.2.3 SIDE FORCE DUE TO ASYMMETRIC DEFLECTION OF CONTROL DEVICES

The side-force increment due to the asymmetric deflection of control devices on a plain wing is usually
small enough to be neglected. At supersonic speeds, however, strong shock waves can be generated from
deflected controls. These shock waves frequently impinge on vehicle components and cause considerable
forces and moments by means of their direct pressure effect and by boundary-layer-separation effects.

For the purpose of the Datcom, it is assumed that the side force due to asymmetric control deflection is
sufficiently small to be neglected. Some data on the side force due to asymmetric control deflection on
wing-body combinations at supersonic speeds mav be found in reference I.

REFERENCE

1. Smith, W. G., end Intrieri, p. F.: Some Aspects of AihJt"on Deflection on the Stetic Leteral and Directional Aerodynamic Chefaeteri,tiC$
of Four Contemporary Airplane Modell. NACA RM A57E22, 1957. (V)
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6.3 SPECIAL CONTROL METHODS

6.3.1 AERODYNAMIC CONTROL EFfECTlVENES~AT HYPERSONIC SPEEDS

The interest in aircraft and re-entry vehicles operating at hypersonic speeds has created the need for
establishing preliminary-design methol,1s for predicting the effectiveness of aerodynamic controls of such
vehicles at hypersonic speeds.

This section presents a procedure. taken from reference I, for applying the correlation results presented in
reference 1 to the prediction of hypersonic control effectiveness.

The development of efficient hypersonic vehicles involves solutions of complex problems associated with the
severe environment of hypersonic flight. Control characteristics, particularly at hypersonic speeds, are
greatly affected by flow separation phenomena. Flow separation can occur ahead of deflected flaps, on the
leeward side of a surface inclined at large angles of attack, near the impingement of a shock wave upon the
boundary layer of a body, and on a curved surface. Control effectiveness may be increased, limited, or com
pletely nunified because of boundary· layer separation. Pr~ssure distributions over the control and the basic
configuration can be greatly altered because of separation effects. Heat-transfer rates are changed on the con
trol surfaces and the basic configuration both upstream and downstream of the control. The interaction
region is characterized by a reduction of local heating rates in the separated region and a substantial heating
rate increase at the reattachment point. It is therefore essential to understand the flow·separation phenomena
and to describe the flow conditions in the separated region.

•
In reference I,semiempirical correlations are developed for the characteristic parameters of a separated flow
at hypersonic speeds. These correlations describe the pressure and heat·transfer distributions in terms of local
flow properties by defining characteristic magnitudes and distance parameters. Knowing these quantities.
relations for incremental aerodynamic force and moment coefficients are developed.

In order that the Datcom user may better understand the control effectiveness methods presented in this
section, general discussions of hypersonic flow separation and the effects of the influence of separation on
controls are presented. These general discussions are essentially quoted from reference 2 and present only
the salient aspects of hypersonic~flowseparation and its influence on aerodynamic controls, The reader call
obtain a more thorough review of hypersonic-flow separation phenomena from references I and 3.

HYPERSONIC-FLOW SEPARATION

Separated flows are characterized by the prevailing type of boundary layer: laminar, turbulent. or transi
tional. The pressure rise and the extent of the separated region depend upon the characteristics of the
boundary layer.

In general, boundary-layer separation occurs whenever the streamwise pressure increase along a surface is
sufficient to overcome the forces acting to accelerate a fluid particle, or when the streamline curvature
necessary to follow the surface contour cannot be sustained by the pressure gradient normal to the surface.
In steady-flow aerodynamic problems the only forces acting to accelerate the low-momentum fluid near the
wall against a pressure gradient are the shear forces between layers of fluid. Because the momentum of the
fluid near the wall is quite low, a relatively small amount of deceleration by the pressure gradient is suf
ficient to bring about separation. Turbulent flow helps to delay the occurrence of separation, because the
turbulent fluctuations increase the effective shear forces and thereby increase the adverse pressure force
necessary to reverse the flow of the fluid near the wall.

The greatly increased effective viscosity due to turbulent fluctuations enables th. equilibrium between
pressure and shear to....~s near the wall to occur at much greater adverse pressure rises in turbulent boundary
layers. Because of the connection between pressure rise and flow turning angle, this higher pressure corTes-
ponds to a much shorter, thicker separated zone for the same initial boundary-layer thickness. ('ases pre
sented by Schlichting (reference 4) and Howarth (reference 5) show turbulent pressure rises twice the Iami·
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nar ones, while the laminar separation zone extends 10 times farther than the turbulent one. A similar
thickening (and simultaneous pressure rise) occurs in a transitional separation when the mixing zone becomes
turbulent, and the downstream flow soon approaches a condition very similar to the equivalent turbulent
separation. Upstream of the transition point, the flow has the character of the corresponding laminar
separation lone. The location of the transition point therefore plays a distinct role in determining the pres
sure distribution (see references 6 and 7).

Present indications are that shock-induced laminar separation pressure distributions, and to a limited extent
turbulent ones, are independent of the type of geometry producing separation (see reference 6). However,
the turbulent peak pressure rise often depends significantly on geometry (references 6 and 8 through II).
This difference in dependence can probably be attributed to the greatly increased effective viscosity in
turbulent now enabling the wall contour within the separated zone to transmit its effect more strongly to
the outer flow.

Typical surface pressure distributions for laminar and turbulent boundary layers are presented in
sketches (a) and (p). respectively.

REATTACHMENT
PRESSURE RISE

I
SHOCKS

-xx,

I
.....-- SEPARATION PRESSURE RISE

i

INVISCID PRESSURE RISE ~-7---r--......r- - - ---
(NO SEPARATION) ,'. OVER-ALL

PRESSURE
I I RISE
I
I
I
I,

PLATEAU PRESSURE RISE
DUE TO SEPARATION
(PLATEAU PRESSURE)

Xo

PRESSURE
RISE
RATIO
PIPo

WALL PRESSURE DISTRIBUTION IN THE VICINITY OF LAMINAR SEPARATION

SKETCH (a)

The laminar boundary layer has a characteristic plateau where the pressure remains almost constant over
most of the separated now region. The separation pressure coefficient is based on the pressure rise from the
undisturbed stream to the separation point. As explicitly mentioned by Love (reference 12), this is not to be
confused with the pressure rise needed to cause separation.
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SKETCH (b)

The separated turbulent boundary-layer pressure distribution has no plateau region .but rises· to an innec~ion
value. The final pressure after reattachment is usually that given by inviscid theory. .Occasionally, a situation
arises wherein there is a pressure rise above the inviscid value folluwed by an expansion to the inviscid value.
This is caused by a lower local entropy level due to the multiple-shock compression of the inviscid now near
the separation and reattachment points. The mUltiple-shock compression is a more efficient process than the
single-shock compression, resulting in a higher local total pressure. It has been observed occasionally in three
dimensional hypersonic separation, and there is good reason to expect it in other situations at high Mach
numbers where multiple oblique-shock compression can exist.

The critical pressure-rise coefficient, ref~rred to herein as the incipient pressure-rise coefficient Cp • COr-
. inc

responds to the minimum over-all pressure for which separation will occur (see references 4. 7,9, 10, 12,
and 13). The current indications are that it is independent of the particular geometry causing the pressure
rise (see references II and 14), although this may not prove to be a general rule. C is much greater and

Pine

is a much weaker function of Reynolds number for turbulent boundary layers (C - (Rl)l/IO) than for
Pine

laminar boundary layers (G.
inc

- (RI)II' ). Recent correlations presented in reference I substantiate this

1/4-power Reynold..number dependence for laminar boundary layers; however, the range of Reynolds
numbers of the available test data is too small to validate the I/ID-power relation for turbulent boundary
layers. Nevertheless, this dependence does correlate the a,,·ailable turbulent data over the ranges of the test
conditions.
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Th.: pr'_·,,:-lift' f1~l' dt..:e to separatIOn (plateau pressure) is of the same order of magnitude as the critical
I rt"Sl'ft' n.,\.', Jnd exh'hits the same type of dependence on Mach and Reynolds numbers. Detailed
.....Or! l'la Unn rOi iii uhts for preGiding the pressu'te·distribution parameters in various situatiom arC developed
II: rt'lert"lll' 1 <.:n.l Jre presented in the Datcom method in the form of design chZlrts.

TWt' Ill~t!IL'!' points should be made concerning the gf'neral characteristics of laminar and turbulent SCjliH3

Ilnll',- I'lf<.,l. till' iligh altitudes and large streanHo·wall temperature ratios characteristic of hypersonk flight
~rL'.JtI: 1I1CrL'J"e the prob:lhility of finding laminar flow. And second, tht: large viscous intera<:tion associated
wIth hl!-,-!] \hch n~lmher and low Reynolds number will often make it very difficult to determine experimentally
or tlH:ort'tic::.l1y whether separation has even occurred, let alone the separation loc::ition. Fo!' those conditions
"..:llt'rl· <"l'p;JCI'i.ior1 IS difficult to detect. t~lC effect of separation on loads is quite small, but the undc!'standing
01 tIll' flcw,' J.:d Iht: prediction of heat transfer and flow stability become uncertain.

The stability and steadiness of separated flows cannot be predicted with certainty using pres~nt information.
In gene,al. ':aviIio:s aopeai to be the most unstable type of separated ge'ometry. Unsteadiness can res~lt from
<t 'lystl'fL'si:.; betwt'en laminar and turbulent separated-zone conditions if the flow conditions and geometry
a,e of ('erCliO trres, e.g., a sharply deflected ramp near the transition point of a flat plate. Whether all
separatcd-!,)r1e Instabilities are associated with transition or whether other mechanisms participate must be
dt'tl'fllllOlt'd 'Jy future investigations. The resonant frequency of a cavity would be one important parameter
It! 'L.:ch an inv~o;;tig"tion. Violent macroscopic flow fluctuations affect heat-transfer rates and wall shear forces
n'.:1( Ih~ <;('pJl'alipn and reattachme!1t points because of the Reynolds stress effect.

I i,(' JL'LI!lon~hifls hetween heat transfer and separation in laminar and turbulent flow are poorly understood.
rh;l~"l1a!1 (rder~nce IS) theoretically estimates a ratio of heat transfer in a laminar separated zone to that in
(ilL' Jltached layer, of O.5lJ. The experiments of Larson (reference 16) substantiate this estimate, Chapman
l:ienfions t:lat turbulent s~paratjon regions can have heat·transfer rates as high as six times the equivalell'
~<ltl'S for the attached layer at low Mach numbers, but this ratio decreases greatly with increasing Mach
l1t.Fn~~l'r. The turbulent-flow measurements of Larson do not show this high ratio at low Mach numbers, but
the thenry appca:-s to approach the measur~mentsat high Mach numbers. Larson states that the discrepancy
i .... ;)rob:.l~!Y CUL' to the fiiilure of the theory to include the proper temperature - heat-transfer rel~tionships

((·'1 thl' ;,xp::filllents. It appears doubtful whether very large incr~ases in heat transfer will ever be founcl in
..,re~dy s,:pJ!"ltt'd regions. In short, turbulent 3'lL' transitional separatiulls may lead to heat·t:ansfer rat~'i

!','ghcr thai! t1:~ equivalent attac~'ied boundary iaycr, but at high Mac:l nun.bers t11e ratio appears to be <(\IOtJt
-:, SO ~o n.70, wh iell is not indic3 :ed satisfactorily by present theory. Loc",) tnrre!lses in h~at-transfer "ate near
1-e:it:achmcnt Cile mentionea in reference 16, but these were nat always found by the other investigators
:i'l r:~j(,n('d in reference 16.

Till,; C'JJ1Ver:-.c ([fcd, i.e., the effect of ~eat-tral1sfer on sepJration charactrdsHcs, i!t <lIsa not undersloJod (see
rder~nl't:s 16 through 25). Sogin states in his survey report (reference 24) that there is much disagreement
I)t'!Wl'l'Jl th~lJn' and experiment regarding the effe~ts of heat transfer on either laminar or turbulent
SI"j"lr,t1ct! tlo .....,. ·~·;lUS, theoretical results for laminar boundary layers (n:fl:nrc'~s ! 7 thto~~h 2.1 and 32 an<l
lJ I iilc.JiCJk wp<.lr<ition shC'u!d be llel3.~/et1 by cooling; experiment::i! rcsl1h'i in feferenc~c; 32 ann 33 tend to
s :h':i~'Il.~jJtt I!II" theory, whl:e those in references 16 and 26 throagh 28 do nd Gadd further stdt~s that it
~l\l' t:r·r':It'n~ hc~.n·t,.!{'~ !<tyer could be treJted &.nal}'tical:y it should also show separation deIay~d by coohr.g
t r"l'[,-'ll'l1t '-''' :(1 Jl,d '].7.l, but poor experimentdi agreement is obtai lied. The resolution of this unccrtdinty is
v.:ry in~p()1 ta"':l., :\s it h~ars directly on the application of wind~tunnel data (equilibrium wall) t·.} flight
wohlt~JlI'" (ll!<iUiiJly c~11d wail),

,,,FL!jENCE or SEPARATION ON CONTROLS

COlltn'll t,'luradf'ristics, particularly at hypersonk. speeds, are often greatly affected by separation. As pre
VIOusly 110tl.:d, control el'fectiveness may be increased, limited, or completely nullified because of
bounduy.laycr separation. Pressure distributions over controls and on the has~c l;unfiguration may be
greatly alt~rfd due to separation effects, changing drastically the r.loJment coefn::ients p;ecicted by inviscid
theory, Hcal-trandt'r rates are changed on the control surfaces and on the basic configuration both upstream
and downstream of thl.' control. Separation effects must therefore be considered in both the design and !vc~"
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tion of controls. In general, separation tends to smooth out the sharp changes in pressure distributions pre·
dieted by inviscid theory, and can cause local Uhot spots" which have heat-transfer rates many times higher
than those that would exist for attached boundary layers. Separated flow phenomena are frequently
unsteady and three-dimensional in nature, and undergo large changes with transition from laminar to turbu~

lent flow, further complicating the analytical treatment of a design. Thus, for example, hysteresis effects are
noticeable in the em versus Q: curves for some control configurations.

Aerodynamic forces and moments on a vehicle may be chinged as much by changing the pressure distribu
tion on the basic configuration as they would be by changes in the normal forces acting on controls. Leading·
edge controls, for example, usually are not directly influenced by separation but, by causing separation, they
can affect the pressures and heat-transfer rates over the· entire configuration. Some effects of separation
associated with controls on windward alld leeward surfaces and some important three-dimensional and
unsteady flow effects of separation on control characteristics are presented below.

Leading-Edge Controls

Leading-edge controls contemplated for hypersonic vehicles include flaps, spoilers, nns, spikes, and
all-movable noses. The importance of separation for such controls is in the influence on the entire
flow field downstream of the control. Separation behind a deflected leading-edge flap makes a.ny
control or stabilizing surface down~trcam of the flap ineffectual. Heat-transfer rates on the surface
are reduced in the separated-flow legion, but if the boundary layer reattaches on the surface the
heat-transfer rate at reattachment can be several times larger than that for an attached boundary
layer. The control forces and hinge moments of leading-edge fins and flaps would not be directly
influenced by separation. Fins, which may be canards, create strong vortices which can cause
boundary-layer transition and con':ribute to the possibility of unsteady flow over the downstream
surfaces of the l'onfiguration. Comparable dfe£ts would be expected for large amounts of all
movable nose deflection which, nevenndc;;~;, is allticipated to be a very effective trimming device
at high angles of attack. The importance of leading-edge controls in influencing the entire afterbody
is epitomized by the use of spikes. Flow-separation spikes in front of blunt bodies may reduce the
total drag of the body by effectively streamlining it. Average heat-transfer rates in the separated
flow region created by the spike are significantly reduced in laminar flow, although the local heat
transfer rate at reattachment may be quite high. Deflectable spikes might be used as control devices
because they alter the pr~ssure distribution in the forward region of a body. The separated-flow
region caused by spikes, however, is r..equently unsteady. which is a most unsatisfactory control
characteristic. If these problems can be worked out, spike controls could become a very effective
system for blunt vehicles.

Downstream Controls

Frequently control surfaces located downstream of H"e IC'lding edge are also used as stabilizing
devices. Their effectiv~nessJ however, may be greatly affected by-upstream separation of the
houndary layer. The inviscid estimJte of the pressure ri~c due to deflecting a control into the local
5tream is a discontinuous jump in lhe pressure distribution on the surface at the leading edge of
the control. A similar suddeon increase in the inviscid pressure distribution occurs at the trailing
edge shock required to recompres~ the flow over an expansion surface. In the actual flow, the
sudden pressure rise may be transmitted upstream through the subsonic portion of the boundary
layer, and separation may occur far upstream as a result. This is particularly likely for
hypersonic flow, where shocks are highly swept, and for laminar boundary layers, which have
thicker subsonic portions than turbulent boundary layers. Depending upon flow conditions,
the boundary layer may be separuted over the major portion of the surface, thereby greatly
influencing the effectiveness of controls located downstream on either compression or
expansion surfaces.
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Laminar boundary-layer separation ahead of a deflected flap on the windward surface of a vehicle
spreads the flow-deflection pressure rise over a much larger region than does turbulent separation.
The effectiveness of the flap in creating a moment is lessened both by the decrease in the pressure
distribution on the flap and by any pressure increase occurring on the surface upstream of the
moment reference ..::enter. These effects tend to restrict the desired rearward movement of the
center of pressure and reduce the effectiveness of the control. In extreme cases the center-of
pressure location with laminar separation may be well forward of that for a turbulent boundary
layer.

The extent of the separated~flow region and the pressures imposed on tte surface depend on the
flap deflection, flow conditions, and nature of the boundary layer ahead of the flap. Reattachment
of the separated flow on the flap is usually a~companied by a local heat-transfer rate several times
larger than tlut corresponding to an attached boundary layer; the average heat transfer to the
separated-flow region, howe"er, is reduced. Similarly, separation affects the pressure distribution
on vehicles having flared~skirt·type stabilizing surface!'. Laminar boundary-layer flow ahead of
small protuberances yields pressure distributions closer to the inviscid predictions than does turbu
lent flow. A small step on a surface is effectively streamlined by iaminar separation far ahead of it,
whereas for turbulent separation, a strong shock exists ahead of the step and there is a large
increase in the local pressure.

Separation on the leeward side of a vehicle may make shielded controls (Le., controls which do not
"see" the free stream) useless. Several factors combine in making leading"'C(1ge separation from the
leeward surface of hypersonic vehides particularly probable. Large angles' of attack may be desir
able for many hypersonic flight paths. Because high .Mach number flows have small limiting expafl
sion angles, much of tht: upper surface feels only tht' leakage flow from the boundary layer where
the Mach number is lower. The pressure rise due to tne strong trailing-edge shock may be propa~

gated far forward through the thick hypersonic boundary layer, thus increasing the possibility of
leading-edge scparation.Another factor enhancing the probability of separation is the Jikelihood of
the boundary layer being laminar with consequently thicker subsonic regions and at the same time
less able to overcome an adverse pressure gradient than the corresponding turbulent boundary
layer. The effectiveness of controls located entirel)' within the separated·now regioll, such as
trailing-edge flaps or fins, WOllh.1 be nll.lIified. On the other hand, flow separation over notches
(cavities) may advantageously be used to control the drag of a hypersonic vehicle; for essentially
the same average rate of heat transfer to a hypersonic vehicle, the drag nldY be Increased by an
order of magnitude by the employment of notches in the surface of the vehicle. Separation inf1u~

ences both the type and tht.> location of control devices. Spoilers, for example, would be ineffectual
on le..:ward surfaces of hypersonic vehicles even if they were near the leading edge. Positive
controls that always "see" the free stream are required.

Three-Dimc!lsional and Unsteady Fkw Effel:ts

Separated-flow regions rarely are purely twa-dimensional and usually afe uJlsh,'ady. Although much
insight into separation phenomena may be gained by usin~ two· dimensional flow analyses, there
are imponant effecls that must be considered thrt:e-di:nensionally. One $Uch effect is the large
venting of the separated region in front of a ralllp of finite span. The fluid in the separated
region, having low velocity and relatively high pressure, expands readily into the low-pressure
stream at the tip, and the mass balance of the two~dimensionalseparation is upset. Another case is
ttlat associated with the streamwise flow in the corner at the junctureofa fin and the surface of
the configuration. A strong vortex may be set up in such a corner with extreme rates of heat trans
fer assOCiated with the vortical motion. Another important three-llimensional effect is the coupling
effect of a control on another surface. The shock wa"'e ahead of a blunt control or ahead of a
separated-now region may impinge nn a transverse surfal:c. ThllS, tlK dcfl.:ction of a vertical fin or
rudder may cause nonsymmetrical separation on the horizontal surface and create an undesired
rolling or pitching moment. Particularly for separation occurring near the point of transition of a
laminar to turbulent boundary layer, the point of separation and the associated shock wave may
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oscillate about some mean position. Large buffeting loads may be experienced on the surface and
on adjoining surfaces of the configuration. Unsteady now in cavities in the surface of a missile may
also cause structural failure. Laminar boundary-layer separation with large centeroOf-pressure shift
may be experienced at a small control denection, while if the denection is increased and then
decreased to its initial value, the separation may be turbulent with a far different value of pitching
moment because of the different center-<)f-pressure location. This hysteresis is extremely difficult
to predict, and can be quite dangerous.

In high Mach number nows, the pressure loads produced by compression surfaces are much greater than
those produced by expansion surfaces. Consequently, the most effective aerodynamic controls usually
employ denections which involve compression of the local now. Therefore, shock-induced separation,
either ahead of a compression surface or due to an incident shock, is the type most prevalent with hyper
sonic controls and has been treated most extensively in the literature.

When separation occurs in high-speed flight, the changes in the pressure distribution and heat-transfer rate
can have catastrophic effects. Trim and stability are radically affected by sudden centeroOf-pressure shifts
and changes in pressure magnitude. Local h·)t spots at separation and reattachment points can cause failure
of therlllal protection. Heat-transfer rates can also be greatly increased by streamwise vortices originating
from three-dimensional separations.

HYPERSONIC CONTROL EFFECTIVENESS

The method presented in this section to determine the aerodynamic control effectiveness at hypersonic
speeds is taken from reference I. The method is intended for use over a broad range of flight conditions
encountered by a typical hypersonic cruise/glide vehicle. However, it should be noted that the semiempirical
correlation charts used in the method are based on presently available data covering a limited range of test
conditions and that the validity of extrapolations for conditions outside the experimental range has not
been established. The range of variables covered by experimental data is indicated on the correlation charts.

The flight conditions encountered by a typical hypersonic vehicle are illustrated by the altitude-velocity
envelop presented as sketch (c).
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SKETCH (c)

30

For a given velocity the maximum attainable altitude is determined by the minimum dynamic pressure which
will sustain flight, and the minimum altitude is a function of the vehicle's capability to withstand aerodyna
mic heating. The Datcom method is restricted to free-stream flight conditions in the flight envelop for Mach
numbers greater than 5.0.
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fhL angle of attack ot' the vehicle is limited by vehicle performance and structural heating conditions. The
angle of attack below which the LID ratio is favorable and structural heating is not excessive is approxi
mately 20°. Therefore, the angle-of-attack range of the Datcom method is a ~ '" ~ 20° Since the study
conducted in connection with reference I was concerned primarily with flat-plate surfaces, the angle of
lttack 3150 represents the flow·deflection angle in the method that follows.

I"lIc prediction method has been derived on the basis of compression·corner flow separation; It is limited to
tlw analysis of controls on windward surfaces, and is applicable only to regions where the assumption of two
dimensional flow is valid.

In applying tht: method to complex three-dimensional configurations, the degree of deviation from two
lunensional flow should be established so that the proper method of determining the local-flow properties

r;ln be selected. Then the correlations presented herein can be appli~d to the 'ieparated-flow region. For such
;\rproximations exact streamline direction is not as important as static pressure and Mach number. However,
Cl'-'fC can be substantial reductions in control effectiveness due to finite span. Section V of reference I pre
st:'nts some insight into methods that can be employed to determine the degree of deviation from two
dimensional flow when the actual flow is three-dimensional. The use of flow-visualization studies, and length·
'XiSl'_ and spanwise pressure distributions on similar models are suggested. Reference I presents brief sum
maries of separated three~dimensional flow on fin-plate configurations, flat surfaces with compression flaps
and end plates, and delta wings with variations (blunt leading edges, pyramidal configurations with and with·
nut nat-hottom surfaces, etc.)

Since leeward surfaces in hypersonic flow arc generally ineffective, the restriction of the method to the
,IllJlysis of controls on the windward surface is not a serious limitation.

For many practical cases the control surfaces are located near the trailing edge of essentially planar surfaces
;Ind are sufficiently far from the ieading edge for bluntness effects to be negligible. For such cases, the local
fluw properties upstream of the control surface are approximately the same as flow conditions behind an
ohlique shock, and oblique-shock properties can be used to define the local-flow properties. The Datcom
method is restricted to cases of this sort.

rhl' Datcom method consists of first determining the local-flow properties up3tream of the control surface.
"r ht'n by using the Incal·t1ow properties, a complete pressure distribution is defined for compression"'Comer
nuw separation in terms of interaction parameters and pressure levels for either laminar or turbulent
separated-flow conditions. Finally, the pressure distribution is integrated to obtain the two-dimensional force
and moment increments produced by separated compression-corner flow. Force and moment equations have
bt't'n developed in terms of the distances and pressure level:; which define the pressure distribution. These
l'qlla~icns arc presented in the Datcom method.

1he local-now conditions have been determined by using oblique-shock properties for a number of condi
lions in the flight envelop. The design charts presented in this section include local-flow properties based on
both pl.:'rf~ct-gas and equilibrium-real-gas assumptions. For the flight regimes where flow properties-deviate
from those given by oblique-shock theory for a perfect gas, equilibrium-real-gas effects have been detennined
hv means of similarity parameters from approximate theory and the effective ratio of specific heats presented
ll~ reference 29 (see Sections III and VI of reference I). In using the local-flow charts (figure 6.3.1 ~31
through .49) the equilibrium-real-gas curves are used for velocity-altitude conc1itions and flow-deflection
IT\l!.les where the equilibrium-real-gas value differs from the perfect-gas value.

"1 he equations used for the prediction of the separated-flow pressure distributions are developed in reference 1.
Where applicable, the final equations are presented on the design charts of this section; however, the develop.
~1cnts of the semiempirical correlations for laminar and turbulent separated flows are not discussed herein.

In reference I the transition phenomenon is investigated and a criterion for establishing the location of
transition based on the results of Deem and Murphy (reference 30) is established. The minimum pressure
risc required to cause flow separation, and incipient-separation criteria for both laminar and turbulent flow.
,m' based on test data.
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The charactenstics of the separated-now region of a typical pr~s~url' profile are il!us~":ltL'd in \\<:I:'1C 11 (d), Tr.c
distance p£:ramt::ter~·, are based on a common reference iine which is defined for VanOll::i 1'-1(,J:-l ~ Ylricuratioil',
as J geomelrical shock impingeme;lt point, hinge line (for corner flow), OJ' the forw31d fal..'(. A.1 -:lq',

p

1

SKETCH (d)

r
l REFERENCI [!I'd

·r-·-
I

Syr!""bu!

~.

NOTATION

up~tream p,,~s:;urc intcudh.,., !t:nb~ll (di.,t"-Il(f f· >11\ tIlt' '~"'~!!!III;,!lg ~)f :.,~er,;:';,l. 1~1 :!:t' !l_rd ·
cnce Hnc)

fret' intcradiol1 !,~nglh (U1Sr'lnLc fWJI1 the hfginnir.g of inter:Klitl1j to fIx 1',:,: 1 11 ',\'~l.'rc ~ht

prf:'ssure distribution It:acl1~s the straight s~ction ui the pn:sS1J.re pIJt'::,;L:)

downstream interaction Icn~th \distancc '10m the rc"~r(:'nct: hrt' to .hl' r()jtl: : lnh'r' OJ''

of two lines tangent to the pres.:m[t: CurVt ill U\C cownslfl'am r.:gion. jllt'.j';1'.; ',: ' l' 'Ill'
(",e sketch (e)

distance from th~ reference line to the point of intersection of two lin~s t~ln~i..t:t to til: !Jrt>,,·
sure curve as illu~trated iIi sketch (d) .

separation len1Z:rh (distance from the: separation point to the let'ercm.:e line)
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Dt~finition

length of the control (undeflectedi

control chord

diameter of leading edge

distance of the control hingf; line meltsurt.d. from the. )){,Sf: i/ j ;If ','(I'" g

6f control deflection, positive trailin;~ tdge down

b span of surface

eA axial-force coefficient

C
p

pressure coefficient

C
m

pitching moment coefficient

CN normal-force coefficient

HM hinge moment

L reference length

P pressure

q dynamic pressure

R2 Reynolds number

S reference area

T temperature

V velocity

x longitudinal coordin~te) measured from leading edge to point of if! f(_,~'..=;(

Ct angle of attack or flow-deflection anp)e

l' ratio of specific heats

~ boundary-layer thickness

8 shock-wave angle measured from upstrt~am flow direction

• angIe associated with geometry of separation

Au: leading-edge-sweep angle
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Symbol

HL hinge line

inc incip1.ent

MRP moment reference point

P plateau

Definition

SUBSCRIPTS

a local condition upstream of interaction

o point where interaction begins

OCI free stream

2 peak value, downstream portion of pressure distribution

t transition point

c.p. center of pressure

w wall

s separation

SUPERSCRIPT

• reference condition

DATCOM METHOD

The control effectiveness at hypersonic speeds of a deflected control located on the windward surface is
obtained from the procedure outlined in the following steps:··

Step I. Determine the local-flow conditions:

The ratios of pressure, temperature, Mach number, and Reynolds number behind an oblique
shock to their respective values in the free stream are obtained from figures 6.3. I-3 I, -37,
-43, and -49,respectively.

• "'he IUblcrlpt Q' ...... thfoulhout the DlI1eom method ... two dlff-.nt m.nl,. _ foIIOWI: (1) Thllwlue of the peramn being

co"""". ltalOAl""ueupanem of InWllCtIon.eurnplwbelne (CPOO >a "a. Mer ' Ria; C2) TM Wllue of the PM' being

cot ., ~I .. IIlb wlue at 101M 1PICIfk: 1000tion do..'......... of InWIcIIon•...,..,.. to IOCIII condIt50.... upItnem of lnur.ction. n.mpl•

...... (cPa h . (RIO! )HL' (CpO!)p'
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Step 2

The pressure coefficient upstream (If!he cOfltnd sl.irf~:;:e. I"';:<l';'~f'(--l to f1i:~-stt"1'11 c',~,~Jjtions,

i'i given by

(C ) ~

P"" 0

J)etermin~~ if the flow b laminof or turbulent:

It is a<;~~!·::'.:d ~har the state cl the ~l()U~hJ,lr) laYf~r :5 lHY,ir::iT 1~ ". > x n. ' arH' tarb:..:!ent if
x

t
< xUL Uas-:;d on the resu~ts of Ll,.em and Murphy (rcf~"'c.n.ce 2.9). ap.d recent expt'rt;nenL1l

data, the folic-wing exprcsshn for tra~lsition distii:lC'.: is giver. ir rl:rt-'~>IlC"f:!:

5..18 x 102 + 1.94 x 102 IM",-.1I)/2 (Cos/\)112
~ - ----------------- ------

(Rn lin.)o.6
''''

6.3.1-~

(Rn) ~ x (Ro)
~Ci! HL Hl , \~

For o..... nfiguratitJlls with n\) !-wce9back (;\ ~ 0), the state Gf the bO'Jndary layer ,)f thl' flIng:;-
line IS obl"in,~d [f\.)m fi.£lHr: G.3.! 55 as (J funr:ti0!1 Of(R Q ) and Ma::. wh~le

O'JHL

Of Cours:~. if the trJllsit;'JI1 f(,;vnolds number is khcwn. tht'o the tr~nsjt~o:l di,tap.cc !; f1l1 Cf\

by x "" {R v ) j' R~ • V/!ll';f', R_t. j') the R,:ynolds fiUl:'.ber per fout.
I \ "Vi/x (l,' Q',/

Step 3. Deternill1C if now ~,epar;-,t:on e,:",:ists:

Obtain tht" pressurt:. .;;oefficicnt fOJ lllcipifnt sepMation (Cv ). from fjglJre 6 .31-56 for
lil,m:l;arJIDF'nn.,:,;;r~6.J,I-':tj:rll;J~uientt~u'""., \ 1\, \r,::

.p 'p ) - )t 2' ~ ,

7-\1 z2 . fY-

whcr~ r:!I'rt~ J'\ :>bt<1i;, .... d fr'.::r:~ figllr'~ 63.1-5L" d~ a t\:nctio!l of Ma::' For Jam:n3.:i !low the
avenlge uf the iscntroptc 31lC! sinr1f"-",hock values should be u'ied for Ma <. 6, and the s.ingJe·
shock vabc should ~)e u;:;t'd ''..)' ~\~ > 6, for t'.!J:J'.Ih:"nt flow use the si'1glc-shock valu~, if
Ie ) ~ Ie \ . th" tl('~l 1:; >;\'}'':!f1tf'd
\ P,,x 2 - \ Pnjinc

Step 4. Detern~!r;l; th,~ seJ'~.ratjo.ll kK~1jon jf sepanted fI', N exists:

If Ilow si:paration eX~$:s..:~ rll;'I3hyC' prucedure is required r:; determine the f.e'p~!"atjoH loea·
tion. Fel" a giY~n locr.J Milch nUP'~hf:r M~) tht upstre3m i~If:"ractioJldistance d 1 is Eo 1unctioj:.
of-the plateau-pressure level PI" which IS a fundion of the Reynolds numher at the mterac
tion raint (.. Ro) .

(.~ X tJ
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Therefore, for any interaction point X
9

a corresponding plateau-pressure level and upstream
interaction distance must be defined. In solving for the interaction location, the upstream
interaction distances corresponding to a number of assumed interaction locations are calcu
lated until the point is found for which the sum of the downstreamdistance to the interaction
point and the upstream interaction distance is equal to the distance to the hinge line; Le.,
Xo + d, ; XHL' The procedure is as follows:

a. Assume an interaction location Xo (For vehicles of practical dimension~ the differ
ence between Xo and xHL will be small).

b. Calculate the Reynolds number for the assumed Xo by (R£a)x ; Xo (R£a).
o

and obtain the plateau-pressure level (CPa)p as a function of (R£a,)x
o

and Ma

from figure 6.3.1-59 or figure 6.3.1-60 for laminar or turbulent flow, respectively.

c. Obtain the upstream interaction distance, nondimensionalized by boundary-layer
thickness d) /6 0 , as a function of (CPa)p and Ma from figure 6.3.1-61 or fig-

ure 6.3.1-62 for laminar or turbulent flow, respectively.

d. For a given wall temperature, obtain the reference temperature Reynolds-number
ratio (R£~/R£a) as a function of Tw /Ta and Ma from figure 6.3.1 -63 or fig-

ure 6.3.1-64 for laminar or turbulent flow, respectively.

e. Calculate the reference temperature Reynolds number by R£* ; (R~*/R £ \R £ '
a a oJ a

and obtain the corresponding boundary-layer thickness 6
0

from figure 6.3.1-65 or
figure 6.3.1-66 for laminar or turbulent flow, respectively, by 6

0
; (6

0
/ $;,)-Ji'o.

f. Calculate the upstream interaction distance by d 1 ; (d)/6o\6o'

g. Sum d, and xo ' If d, + Xo f xHL ' repeat the procedure until

Step 5. Having determined the separation point xo' define the windward pressure distribution (see
sketch (d)) as follows:

a. Calculate the Reynolds number for Xo by (R£aJ. ; Xo (Rpa).
o

b. Obtain the plateau-pressun: level (Cp ) as a function of (RQ ) and Ma from
OfP ~Qx

o
figure 6.3.1-59 or figure 6.3.1-60 for laminar or turbulent flow, respectively.

c. Calculate the plateau pressure, referred to free-stream conditions, by

6.3.I-d

where Ma/~' pa/~ ,and (C 1 are obtained from step I.
Po:> a
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d. Obtain the free interaction length nondimensionalized by boundary-layer thickness
£r/80 as a function of (Cp",)p and M", from figure 6.3.1-67 or figure 6.3.1-61>

for laminar or turbulent flow, respectively.

e. Calculate the free interaction length by £r
i

= (Q r/80) 8
0

where Do is the

boundary-layer thickness determined as outlined in step 4e.

f. Obtain the upstream interaction distance nondimensionalized by boundary-layer
thickness d [I Do as a function of (Cp",)p and M", from figure 6.3. I -61 or fig-

ure 6.3.1-62 for laminar or turbulent flow, respectively.

g. Calculate the upstream interaction distance by d l = (d l 180 lDo '

h. Obtain the downstream interaction length d 2 from figure 6.3.1-69 or fig
ure 6.3.1-70 for laminar or turbulent flow, respectively.

I. Determine the downstream interaction length to the pressure rise d J . For turbulent
flow dJ = O. For laminar flow the ratio dJ/d[ is obtained from figure 6.3.1 -71
as a function of flap deflection Dr and the equivalent flow-deflection angle 1> for

(Cp",)p .

The equivalent flow-deflection angle for (C ) may be obtained as a
P", p

function of the shock-wave angle 0 and Mo<, The shock-wave angle is
given by

where

o
6(Pp /P",)+ I

7(M",)2
6.3.1..,

Pp l' 2
- = (C ) - (M ) + I
P", P",p2 '"

Enter figure 4.4.1-81 with 0 and M", and read 1> = I 8' I .

J. Calculate the peak flap pressure, referred to free-stream conditions, by

6.3.I-f

6.3.1-g

where M",/M , P",/P , and (C 1 are obtained from step I, and
co a) P;n a

obtained from step 2 (equation o.. I-c) .
(c ) is

Po< 2

Step 6. The windward pressure distribution may now be constructed as illustrated in sketch (e).
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WINDWARD PRESSURE DISTRIBUTION

~~~_____________v;;«('
r- - Pool Q'

x __

SKETCH (e)

Step 7. The two-dimensional force and moment increments produced on the windw-ard surface of a
deflected control are given by

Nonnal-force increment:

(cos b ) Ic - -~~- - -~Ir f 2 2 ( ft)

6.3I-h

Increment of pitching moment about HL due to normal force increment:

2

cos ' 6 (c )lJ' ,

[

(C)2 (d)'

- I(C ) -(C \1 (cos2 6) -'- '_
Poo2 Poo}p r 2 6 6.3.1-i

Center of pressure 01 normal-force increment, measured from the MRP. negative aft:

- ("tiL - x ) +
MRP

[(~Cm) HL Ll~cN

~C N
(ft) 6.3.I-j

Axial-force increment:

6.3.1-k
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Increment of pitching moment about HL due to axial~force ir.crement:

('cnler of pressure of axial-force increment, measured from the MRP, positive down:

1(~Cm) HLLI~CA
(Zc.P'>~CA = ZHL - ~C (ft)

A

Increment of pitching moment about vehicle MRP:

[(~Cm)MRPS L] = [(~CN)S(Xc.p)] _ [(~CA)S (Z,.p)]
b b ~CN b.. ~CA

Windward component of control hinge moment (based on absolute pressure):

6.3.1-1

6.3.I-m

6.3.I-n

6.3.1-0

An approximate correction for the effect of finite control span on the two-dimensional pressure distri
bution in the separated region over the control is presented as figure 6.3.1-72. This empirical correlation,
taken from reference I, is based on a limited amount of test data. Unfortunately, not enough test data
are available fer partial-span control effect to identify the effects of Mach number, Reynolds number,
lIr l untrol position.

1 wo sample proble.ns are presented at the conclusion of this section. The first sample problem is straight
forward in that the Ddtcom method is directly applicable. The second sample problem illustrates an applica
lioll of ti,e meth",! to a flight condition where the separated region extends forward to the leading edge of
the configuration.

It should be recalled that the use of oblique-shock relations implies smallleading-edge-bluntness effects and
negligible viscous effects. On bodies wilh a blunted leading edge, pressure near the leading edge will be higher
tI,an that predicted by the oblique-shock theory. When leading-edge bluntness is not zero, the actual value
for Mer will be between that given by oblique-shock and shock-loss theories. Values of M on surfaces with
leading edc", of various bluntness dimensions were obtained from test data during the anafrsis conducted in
connection wilh reference I. It is suggested therein that oblique-shock properties result in acceptable values
of local Mach number Ma for

6.3.1-16
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;f the leading-edge bluntness is comparatively large, the local-flow pcoperties should be calculated by other
available methods, such as tangent-wedge, blast-wave, or the Moeckel shock-loss theory (reference 31). Blunt
leading edges "r large vi.cous-induced pressure gradients also reduce the boundary-layer thickness. Tl.e effects
of Ieading'edge bluntness and viscous interaction on the flow properties along a body surface are discussed in
Section III of reference 1.

Sample Problems

1.

Given: A two-dimensional flat plate with neghgibl~ thickness.

l - 10.0 ft xMRP = 5.0 ft cr = 2.0 ft

Aliilude: 150,000 ft P", = 2.84 Ib/(ft)l

Negligible viscous interaction (assumed)

Compute:

Determine the local flow conditions:

= 13.5 (figure 6.3.1-3Ic)

= 3.0 (figure 6.3.1-37c) (equilibrium real gas)

= 5.5 (figure 6.3.1-43c) (equilibrium real gas)

= 1.94 (figure 6.3.1-49c) (equilibrium real gas)

T"
= T -= 14400 R

oo Too
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13.5 - I
=

1.4 2-(10)
2

= 0.179 (equation 6.3.I-a)

Determine if the now is laminar or turbulent:

At (R~) and M",. figure 6.3.1-55 indicates a laminar boundary layer at the hinge line.
'" HL

Determine if separation exists;

IC) = 0.020 (figure 6.3.1-56)\ P", inc

= 3.12 (figure 6.3.1-58) (average of isentropic and single-shock values)

=
3.12 - I

=

1~4 (5.5)2
= 0.100 (equation 6.3. I-c)

Since (CP"')2 > (CP"')lnc' the now is separated.

Determine the separation location (see step 4 of Datcom method for iteration procedure):

First iteration (assume Xo = 7.0 ft)

= 0.0185 (figure 6.3.1-59)

1.442 X 106

= 20.0 (figure 6.3.1-61)

1500=-- = 1.042
1440

R2*
-"'- = 0.28 (figure 6.3.1-63)
R

£",

Rl~ = R£~:::) = (2.06 x 105 )(0.28) = 5.768 x 10' per ft

6.3.1-18



6.
0.0215 (figure 6.3.1-65)=.;x:

6.
(J7.0)(0.0215) = 0.057 ft6. = .[X.;x; =

x.

d1 = 6. ~::~ = (0.057) (20.0) = 1.14 ft

d
1

+x. = 1.14+7.0 = 8.14ft>xHL . Try a second iteration.

Second iteration (assume x. = 6.5 ft)

= 0.019 (figure 6.3.1·59)

1.339 X 106

= 21.5 (figure 6.3.1-61)

6.
= 0.0215 (calculation to determine 6./.Jx. is same as first iteration),;x;

6.
6. =..;x. JX: =.j6.5 (0.0215) = 0.055 ft

d, = 6. (:~ = (0.055)(21.5) = 1.18Ht

d. + "0 = \.183 + 6.50 = 7.683 ft < xHL

7.06.5

FIRiT ITEjATION ./

xHL -

FLOW SEPARATI0..y
AT x =6.85

~ - SEfOND jTERATION

• .7.6
6.0

7.8

8.2

x. + d,

8.0

The flow separation point is now determined graphically. x. = 6.85 ft
8.4
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Define the windward pressure distribution:

(c \ = 0.019 (figure6.3.1-59)
P alp

(equation 6.3.1-<1)

(
55 )2

= (0.019) -'- (13.5)+0.179= 0.257
10.0

8.0 (figure 6.3.1 -67)

6
0

6, = ;X;: = y"6.85 (0.0215) = 0.056 ft
jX;

Qfi = 6
0
(::i) = (0.056) (8.0) = 0.448 ft

= 21.4 (figure 6.3.1-61)
bo

d, = 60 (6d

o

l) = (0.056) (21.4) = 1.20 ft

2.0
=_..

1.20
> 1; therefore,

~
= d = 0.506 (figure 6.3.1-69)

I

d2 = d l ~::) = (1.20)(0.506) = 0.607 ft

Equivalent flow deflection angle for Ie )
\ PO' P

= (0.019) C;4 )(5.5)2 + 1 = 1.402
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o
6(Pp/Pa) + I

7(Ma )2
(equation 6.3. I-e)

= 12.20
6(1.402) + I

7(5.5)2

q, = 2.60 (</> = 18' Iat Ma and 0 from figure 4.4.1-81)

= 0.35 (figure 6.3.1-71)

d3 = d1 (::1= (1.20) (0.35) = 0.42 ft

(
Ma )2 Pa

Ie) = Ie ) - - + Ie ) (equation 6.3.I-g)
, P<Xl 2 , Pa 2 Moo Pro' P<Xl a

(
5 5 )2= (0.100) -' (13.5)+(0.179)= 0.587

10.0

- d
3 ----J d2 ......

I

XHL
Xo

f-
f-d,_

1.,.- l-
I

1.0-"0.179
0.257

1.0

.8

.6

.4

.2

o
o 2 4 x 6 8 10

0.587
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Solution:

Normal-force increment:

[ Q] []f· d 2 d)
d - -' + cos ~ c + [/C) -Ic )] (cos ~) c - - -

1 2 f f \ P", 2 \ P", P f f 2 2

(equation 6.3.I-h)

= [(0.257) - (0.179)] [1.20 _ 0.:48 + (0.985)(2.0)]

[
0.607 _ 0.4

2
2]

+ [(0.587) - (0.257)] (0.985) 2.0
2

= 0.713 ft

Increment of pitching moment about HL due to normal force increment:

+ (d 1)2 _ cos
2 ~f (c/1

2 2

(0.607)2

6

_ (d2d) _ (d)2]

6 6

(equation 6.3.I-i)

[

(0448)2 (0.448)(1.20) (1.20jl
= [(0.257)· (0.179)] . 6 2 + 2

(0 985)2 (2 0)21 [(2 0)2
. 2' - [(0.587) - (0.257)] (0.985)2 T

• (0.607) (0.42) _ (0.42)2]

6 6

= -0.713 (ft)2

Center of pressure for normal-force increment referred to MRP:

6.3.1-22

(x ).c.p. LlC N

-0.713
= -(8.0 - 5.0) + -'0-'.7-13-'

= -4.00 ft (4.00 feet aft of MRP)

(equation 6.3.I-j)



Axial-force increment:

= (sin Sr) I[(CpOl)p - (CpOl),}r + [(Cp..,)2 - (CpOl) p] [cr - d; - d;]} (equation 6.3.I-k )

I { 0.607 0.42]1= (0.174) [(0.257)-(0.179\1 (2.0)+ [(0.587)-(0.257») 2.0--
2
- - -2-

= 0.1125 ft

Increment of pitching moment about HL due to axial force:

{[ 1
(Cr)2 { 1tci

= -(sin
2

Sr) (Cp",)p - (Cp",)", -2- + (CpJ 2 - (Cp",)p 2"

d2dl (dl)2]}
- -6- - -6- (equation 6.3.l-2)

I (2 0j2
= -(0.174)2 [(0.257)- (0.179)] -~- + [(0.587) - (0.257)]

[
(2.0)2 _(0.607)2 _ (0.607) (0.42) _ (0.42)2]\

2 6 6 6

= -0.0234 (ft)2

Center of pressure of axial-force increment:

(d )2
2

6

[(6Cm )HL LI6c
A

= ZHL - 6C (equation 6.3.I-m)
A

_ (-0.0234)- 0-
0.1125

= 0.208 (ft)

Increment of pitchIng moment about vehicle MRP:

[
(6C )MRpS ] r(6CN )S 1 [(6CA )S ]

mb L = t b (XC.P'~A - b (Zc.p.) 6c (equation 6.3. l'n)
uC N A

= (0.713) (-4.00) - (0.1125) (0.208) = -2.875 (ft}2

Windward component of control hinge moment (based on absolute pressure):

HM
bq
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= -1(0.587) (2.~)2 - ~ [(0.587) - (0.257)J [(0.607)2 + (0.607) (0.42) + (0.42)2 JI
= - 1.130 (ft)2

2.

Gi,en: A two-dimensional flat plate with negligible thickness.

f-:::2.0~!'-MRP
Z

-I
8.0 -------....1

XHL

I
• , IS,

L = 10.0 ft X = 5.0 ftMRP XHL = 8.0 ft ZHL = 0

cr = 2.0 ft R~ = 3.27 X 104 perft
'"

Altitude: 200,000 ft P", = 0.413 Ib/(ft)2 T = 4580 R
'"

a = 100 Negligible viscous interaction (assumed)

M", = 20

Compute:

Determine the local-flow conditions:

21 (figure 6.3.1-31d)(equilibrium real gas)

= 4.30 (figure 6.3.1-37d) (equilibrium real gas)

= 9.80 (figure 6.3.1-43d) (equilibrium real gas)

= 1.87 (figure 6.3.l-49d) (equilibrium real gas)
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R2
'"= Ro -- = 6.11 x 1()4 per ft

"ooR2.,

(P",/P.,) - I 21.0 _I
ICp \ = = 14 = 0.071 (equation 6.3. I-a)
\ a>} ....! ...2 _._ ( 20)2

2 ••'OJ 2 '

Determine if the flow is laminar or turbulent:

At (R2jHL and M"" figure 6.3.1-55 indicates a laminar boundary layer.

Determine if separation exists:

Ic) = 0.019 (figure 6.3.1-56)
\ PO' Inc

= 6.80 (figure 6.3.1-58) (single-shock value)

=
6.80 - I

=

\4 (9.8)2
= 0.0863 (equation 6.3.I-c)

Determine the separation location (see step 4 of Datcom methoo for iteration procedure):

First iteration (assume Xo = 7.0 ft)

(R2",)xo = Xo(R2",) = (7.0)(6.11 x 104
) =

(C) = 0.0185 (figure 6.3.1 -59)
p", p

= 110 (figure 6.3.1 -61)

2000
= -- = 1.015

1970

4.277 X 105

= 0.079 (figure 6.3.1-63)
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~
R2.)= Re _a_ = (6.11 x 10')(0.079)

a Re."

= 0.075 (figure 6.3.1-65)

= 4.83 x 103

6. ~
6. =JX: Jx. =,,7.0 (0.075) = 0.199 ft

dl = 6.(::) = (0.199)(110) = 21.89 ft

d1 + x. = 21.89 + 7.0 = 28.89 ft > xHL . Try a second iteration.

Second iteration (assume x. = 4.0 ft)

= x. (Re.,,) = (4.0)(6.11 x10') = 2.444 x105

= 0.023 (figure 6.3.1-59)

= 230 (figure 6.3.1 -61)

= 0.075 (calculation to determine 6.1Jx. is same as first iteration)

6.3.1-26

6
6. = IX. ~ = '4.0(0.075) =0.150 fto~ y-p.v

d1 = 6. (::~ = (0.150)(230) = 34.50 ft

d1 + x. = 34.50 + 4.0 = 38.50 ft > xHL • Try a third iteration.

Third iteration (assume x. = 2.0 ft)

(Rea)•• = x. (Re.,,) = (2.0)(6.11 x10') = 1.222 x105

Ie \ = 0.0255 (figure 6.3.1-59)
rPa/P

= 350 (figure 6.3.1-61)



; 0.075 (calculation to detennine 0 / fi{ is same as first and second iteration)o '1"0

0
0

0
0

; 1)(-;j2.0 (0.075); 0.106ft
vroo~

d] ; 0
0
G:J ; (0.106) (350) ; 37.10 ft

d] + Xo ; 37.10+ 2.0 ; 39.10 ft > xHL

The magnitudes of d, from the iterations indicate that the region of separation extends forward to
the leading edge of the plate. For this case it is assumed that the plateau-pressure region extends
forward to the leading edge. Then, d l ; xHL and £r. ; 0 (see sketch (d».

I

Define the windward pressure distribution:

Assume the plateau pressure corresponds to the wedge pressure for a local flow deflection angle of
r/J degrees as illustrated below.

Then. by using d], d~, and Or the angle r/J can be defined. Knowing r/J the plateau-pressure
level is obtained by USIng oblique-shock relations.

Assume d] ; xHL ; 8.0 ft

2.0
; - :; 0.25:s 0.25; therefore,

8.0

d2
; 2-; 0.475 (figure 6.3.1-69)

d l

0.475 d]

2
= 1.90 ft

= tan'] (1.90)(0.174)
8.0 + (1.90) (0.985)

= tan,l 0.0335 = 1.90

Ii = 7.250 (Ii is obtained from figure 4.4.1 -81 at Ma = 9.8 and r/J = 10'1)
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7M Z sinz e- Ia;-----
6

(equation 6.3.1-e)

7(9.8)Z (sin 7.25 0 )z - 1
;

6
:;;; 1.62

(equation 6.3.\-f)

(1.62)-1
;

1.4 Z
-(98)2 .

; 0.00922

; (0.00922) ( 9.8 )\21) + 0.071 ; 0.117
20.0

(dd]l) ; 0.250 (figure 6.3.1-71)

d] ; d 1(::) ; (8.0) (0.25) ; 2.0 ft. However, d] must be less than or equal to dz

(see sketch (d)). Therefore, let d] ; dz ; 1.90 ft

(
Ma)Z Pa

(e ) ; Ie ) - - + Ie ) (equation 6.3. I-g)
P(l) 2 \ P Q 2 Ma) Pco \ Pro Q

(
98 )Z; (0.0863) -'- (21)+ 0.071; 0.506

20.0

The windward pressure distribution is illustrated in the following sketch. The solutions for the force and
moment increments are not shown,since the use of equations 6.3.I-h through 6.3.1-0 is illustrated in sample
problem I.
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by real gas effects at Vthese flight conditions
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(b) Altitude = 100,000 ft
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(e) Altitude ~ 150,000 ft
50

40

30

20

10

, -,- -T T T I

EQUILIBRIUM REAL GAS

- - - PERFECT GAS

/
/ I

/ V
/j

Moo /J
15/ V
// /.'

./
'l'

//~#

/
[7' V1~

V ~
V

.-/"~ j,....---'

o
o 4 8 12

ANGLE OF ATTACK, a (deg)
FIGURE 6.3.1-31 (CONTD)

16 20

6.3.1-33



(d) Altitude = 200,000 ft
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(e) Altitude ; 250,000 ft
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(f) Altitude = 300,000 ft
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<al Altitude = 50,000 ft
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(b) Altitude ; 100,000 ft
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(0 Altitude =300,000 ft
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(aj Altitude = 50,000 ft
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(b) Altitude = 100,000 ft
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(d) Altitude; 200,000 ft
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(e) Altitude =250,000 ft
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(f) Altitude =300,000 ft
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(c) Altitude = 150,000 ft
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(d) Altitude ~ 200,000 ft
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(eJ Altitude =250,000 ft
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(0 Altitude = 300,OOU ft
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63.2 TRANSVERSE·JET CONTROL HEEClIVLNESS

The interest ill l'VdlualJllg I;l<;' !"I'd\lhillt\' 1)1' uSlI1g tr:llbVl'r"t' 1~~1 llll:ll,J\ ,/,,{;> II, ,)11 l!i~!fl-"P'-'l'd

!light VI..'hl"':k'S v,iilhilj tllt ;;t<lh~,.phl'r~' 11;1\ :""i"l'<.ltt'd th ... ]1,,\,.,\: j:)1 l'.,;;lh;j',f\illg i' ,"j'illl!,!I\' Ik:.ign

lI1l'thpd.; fqr pred;(111Ig lLllhVl.:I\l'·-jtl 1-\)llll"l ' l ,.'rfl'l,~j\C[h'S·,

rhi~ Sl'didJi prl':::'~llt\ ,I pr(h\'~!llrl', l:tkl"ll Ir,llll rCkrL'IlL'l_' ;

ll'l\e -i<..t ,'()llt]'O] _"y'Sll'll1 ill I1Y'I'\'I""\\II,' llU\\

t \)1 ,,: /,1 H' I ; 'A" \: i\\1: !.,

A t;',lnS\~r-'l'-JL:' 'c'olltrul sy"ll'rn 1', ,I ','\)lIlr,d ~)!:-.tl:ill Ilia! 'L.c:) ;~Ijl' (ll' ." 'I~' IL'[', C,!" "I":

'i'..pantll)11 gt'lIl'r;dly 11lnih t!h' the 1)1' l'()/1ventlop.;t! Ilap-typl' SJ'"h;ill~. :1')\\'\ :~'r, \ ','~'Vl'''; ,,', lh,_'

h,bil' pllt'nOnWllOIl 111 :h'hinillg I" l"!'(c,llv'C tli\IIc..;V\~r'-t'-jd ("1)l!lr,J! :;)."c..;k1l1. rilL' J~I, ',j.1oj\r ,-T': :te:"

Ilow sepJratiun in till' legi\lll 'dln'IlJlldillg till' jet by' forcing th'_' p(inl~..JrY !I1fW to tll',1 ,IHlll:ld ILe
dhstructioll created hy the jet t'\hJllst. Tr,llbVCr"e-jet cona,,1 "y:-;it~lll'" Jl\' (j;'ft'll ITk:T;"; t(', ;!'i

jct-ll'ter,lctlull control "yc..;ll'IllS III t'mph;:",il.l' lhl~ lI11purtant (llilirihuti,ill !HilVl!kd hy ~hl' !-;1

lllteLldi,Hl phenOI!1CIHlll

rr,IJlsverse~jet cOlltrol :-:.yc..;tellls 1:;Jllsi:.l 0: d variety of different type;,; '-Ind \j/~,; "(' lhwc..;t lillih

mounted OJi dL'wdynJlllil :-"llrl~IU'S. The t1lrll<.;t call he provl(kd hy solid \ll" ~;qllid rrnpeli:lIlt

rocket engines or bked-thrllsl (onrrol 1I11its The~l' thrust units :lL1Y bv brgl' "lllgk ll!~lb or a

group of small Limb strategi(:all) hh,'akd

In a!i<llyzing the perfurmallcl' ot IfilnSVCrSl' j\.~[S, several th~ories have heen lh'vL'I"r'cd thai provide
estimates of the principal paralllekrs ttpstreall1 and d(Jwl1~tr~aJll of the lH'U.k. flowl'vl'r, the
complexity ot the interaction lI;'lS pr\~vcJlted obtaining a detailed physical dcc..;,:riptiun of thl' !low
field. This has restricted investigators to limiting the scope of the_ir analyses until t'undamellLlls

of the flow have been lirtnly cstabltshed. rhus, the Dah:om method pre\t>Il~l?d h:::rl~l:l :s subjl'\..:t
to limitations. The primary restncrioll limits analyses to two-dimcnsional Illluks COllsider"h!l'
effort (references 2, 3, 4, and 5) has been directed towards allaly'zllig thl.:' Ilnl't'dimeJ1siollJI

problem; however, no acceptahk deSIgn methods are currently :Iv,tibble. The (lttH'1 '11l~l'lng

condition pertains to the prl:ssurc forces downstream of the Ilt,}ulc l';-,il, ikl'dli\l' I'f tIll'
conflicting thcorie~; regarding the merits ur the do·.vnstream fUlce~, all :107111'\ ilL' ":'ll'!lt'd ~ , be

located at the aft end of thfll rcspectiVl' surfaces, Thlb, I~O cOllsideratil)1l i., .1-:;'..1'11 L; ;'Il\';ihk'

aft-end forces ill the l);Jtrolll mdhod: however, tlify '-1'C cOllsider,'d ill 1h di';.I,S,I,;1] ,f

interaction force~.

The advantages (reference 6) of transverse jets in high-speed now III C;)lllP~"C ..Oii 'iilth l'OIl\l'll

tional aerodynamic control systems have provided the impetus for invt'~t1g;ltill~ ttll' p(s,ihl~

impleI1lf:n t ation of tranSvt~rst'-jet cOlllrol systems. The primary (Jdvalll'lg~ ~\ l\l'~' 11'" .. h~lll'i q!

achieving control forces greater lh;l:l the impulse provided hy t:l~' j::: fl'dl'U,''i1 ·;·lli. :!:'~i":::-'ld

force or amplificatiun is due (I.) tl't: L1Vllrabk interaction 01 the lI:tll:";.\.'!S,' j\. t 1,','.:11 lil': l,l\:1.

stream flow. The jet interaction "l1bSt~llltii.iUy alters the surEtce pre~Sllil' dlstnl"I!ioll :i1:d Il'\i.:!L;

in large additional slln'an~ loads, whICh augment the sImple l"t."al,tion Id;-,,'l' ,I' ;lIl' j'.'t. L:,!'(','i'

mental tests have illdicatl'd thut prllpl'fly designed systeulS ':<111 J\_llievc i,II','f,ktHJ:1 (,>fCt.:, tll;:l

exct"cd the r~ai.'tion jd furte by Lidors 01 four or t1v~.
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f\ second advantage is the possible reduced control response time iiJr transverse jets in compari
son to conventional systems. This reduced response time enables the vehicle to be designed with
less static stability. A potential increase in reliabihty provides a third advantage, since redundance
IS more readily achieved with a less severe weight penalty than for conventional systems and
because rocket technology is felt to be more advanced than the technology involved in building
hIgh-speed actuators and the integral components required to operate in an extreme temperature
environment. Another benefit is the wide range of flight conditions in which transverse jets can
provide control forces, as compared with the hmited envelope for conventional systems. Improve
menrs art' also derived from the elimination of structural problems associated with control
surfaces and related heat-transfer problems prevalent in hypersonic flow.

Inherent with transverse jets are many problems and disadvantages which must be solved or
accounted for before successful implementation can be achieved. The most crucial problem is the
lack of a thorough knowledge involving the jet-interaction process. This prevents formulating a
completely reliable prediction technique. Distinct disadvantages are the weight penalties imposed
by the propulsion system and the hmited quantity of propellant available for a given mission.
Associated problems are also encountered in the growth potential when mission requirements
change.

An evaluation and design comparison of transverse-jet controls and conventional aerodynamic
control systems are presented in reference 6. The conclusions of the report are: (1) high L/D
re-entry vehicles with the vehicle trimmed to maximum L/D are favorable to transverse-jet
control systems, if trajectory control by roll control is used; (2) if a winged re-entry vehicle is to
be maneuvered in pitch to angles appreciahly different from the angle of attack required for
maximum L/D, conventional flap-type aerodynamic controls are preferable. Additional compari
sons regarding transverse jets, solid spoilers, and flap deflections can be found in references 6

and 7.

In order that the Datcom user may beller understand the control-effectiveness methods
p. esented in this section, a general discussion of hypersonic-flow separation and the effect of the
jet-interaction phenomena upon augmenting the control force is presented. This general
discussion is essentailly quoted from Section 6.3.1 of the Datcom and from reference I. A more
detailed description of hypersonic-flow separation and jet-interaction phenomena can be found in
references I, 2, 3, 4, and 8. A summary of the literature pertaining to transverse jets can be
found in reference 9. A summation of the contents of each document is given, along with a
qualitative discussion of the data and/or theory presented.

Hypersonic-Flow Separation

Separn tcd flows are characterized by the prevailing type of boundary layer: laminar, turbulent,
or transitional. The pressure rise and the extent of the separated region depend upon the
characteristics of the boundary layer.

In gen~ral, boundary-layer separation occurs whenever the streamwise pressure increase along a
surface IS sufficient to overcome the forces acting to accelerate a fluid particle, or when the
streamline curvature necessary to follow the surface contour cannot be sustained by the pressure
gradient norma) to the surface. In steady-flow aerodynamics the only forces acting to accelerate
the low-momentum fluid near the wall against a pressure gradient are the shear forces between
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layers of nuid. Because the momentum of the nuid near the wall is quite low, a relatively small

amount of deceleration .by the pressure gradient is sufficient to bring about separation. Turbulent
now helps to delay the occurrence of separation, because the turbulent nuctuations increase the
effective shear forces and thereby increase the adverse pressure force necessary to reverse the
now of the nuid near the wall.

The greatly increased effective viscosity due to turbulent nuctuations enables the equilibrium
hetween pressure and shear forces ncar the wall to occur at much greater adverse pressure rises in
a turbulent boundary layer. Because of the connection between pressure rise and flow turning
angle, this higher pressure corresponds to a much shorter, thicker separated zone for the same
initial boundary-layer thickness. Cases presented by Schlichting (reference 10) and Howarth
(reference II) show turbulent pressure rises twice the laminar ones; whereas the lamlllar
separation zone extends much farther than the turbulent one.

A similar thickening (and simultaneous pressure rise) occurs in a transitional separation. when the
mixing zone becomes turbulent and the downstream flow soon approaches a condition very
similar to the equivalent turbulent separation. Upstream of the transition point. the flow has the
character of the corresponding laminar separation zone. The location of the transitJon point
therefore plays a significant role in determining the pressure distribution (see references 12

REATTACHMENT
SHOCK

SHEAR LAYER

/ JET BOUNDARY

~ONICLINE

'-----'-JET SHOCKS

UPSTREAM OVER-ALL
PRESSURE RISE, P;/P 1

DOWNSTREAM OVER·ALL
PRESSURE RISE, P4/P I

PLATEAU PRESSURE
RISE DUE TO
SEPARATION (PLATEAU
PRESSURE), Pz/P t

and 13).

Moo_ P 00 ..

1.01------0- -- - - - - -

PIP

SECONDARY SHOCK

SEPARATION SHOCK

I......o------'s-- L --------l. 3 "R "4

SKETCH (a)
JET INTERACTION FLOW MODEL FOR LAMINAR SEPARATION

6.3.2-3



Present indications are that shock-induced laminar-separation pressure distributions, and to a
limited extent turbulent ones, are independent of the type of disturbing force that produces
separation (see reference 12). However, the turbulent peak pressure rise often depends signifi
cantly on the disturbing force (references 12 and 14 through 17). This difference in dependence
can probably be attributed to the greatly increased effective viscosity in turbulent flow, enabling
the wall contour within the sep"rated zone to transmit its effect more strongly to the outer

flow.

Typical jet-interaction flow fields for laminar and turbulent boundary layers are presented in
sketches (a) 'Illd (b), respectively (reference I).

------..
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SHOCK
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SKETCH (b)

JET INTERACTION FLOW MODEL FOR TURBULENT SEPARATION

For the upstream region, laminar boundary-layer separation has a charaeteri~tic plateau where the
pressure remains almost constant over most of the separated flow region. The plateau pressure
level depends. only on local flow conditions at the location of the separation point (see referen:e
12). The upst~eam turbulent boundary-layer-separation pressure distribution is not characteri~ed

by a long pressure plateau region as in the case of laminar separation. Instead, the turbulent
separation produces an increasing pressure gradient that e!,hibits an inflection point or a very
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short plateau' prellS\U\l, wlllch 'fPe8lS to be dependent only upon the Maoh. nwnber. Althoush
some discrepancies exist in the literature (references 1,4, and 18) regarding upstream pressure
trends with boundary-layer condition, the majority of the later references indicate that larger
upstream 'forces are exllibad for1aminar 'sepanrted ,boundary layers. These larger forces can be
attributed to the integrated loads, for the Iongel', lower pressure regions of laminar flow, being
larger than those for the shorter, higher pl'e8Sure ,regions of turbulent flow.

The problem of locating the boundary-layer transition point is one that has received wide-spread
attention froUl theoreticiarts '~itd experimentalists. However, no universally applicable prediction
technique ha~ been obtained. The best approach for predicting the transition point is to examine
wind-tunnel data that most nearly approximate the actual flow conditions. Techniques for
correlating the transition data from various sources are available. Reference 19 presents one such
technique for correlating data for cone-shaped configurations. In the absence of similar wind
tunnel 4ata, the meihod presented in the Datcom can serVe as an approximate estimation for
determining the state of the boundary layer or transition point.

Jet·lnlIlraction Phenomena

The most prominent feature of jet-interaction phenomena is the formation of a strong jet shock
that is nearly norrnaLto the jet flow direction, resulting in a recompression and subsonic flow on
the downstream side of the nozzle. Reference 8 indicates that because the injected stream must
be turned by the primary flow, it acts as an obstruction, and as such, produces a strong shock in
the primary flow. This shock interacts with the boundary layer on the wall and causes it to
separate. Both the initial shock and the resulting boundary-layer separation produce a region of
high pressure near the point of injection. This is the source of the interaction force that
augments the simple reaction force of the jet.

Kaufman, in reference 20, describes the interaction pressure downstream of the nozzle as
characteristically having a low-pressure region followed by a pressure rise to the reattachment
value. At reattachment, the pressure can be either larger, or, smallet than the undisturbed
free-stream pressure. Downstream of reattachment, the pressure approaches its undisturbed value
asymptotically.

The low-pressure region downstream of the nozzle can have 'an adverse effect on the interactIOn
force if the nozzle is not located at the aft end. However, the increasing pressure at reattachment
can in some cases predominate, yielding a favorable force if the aft end of the surface is of
sufficient length to capture the major portion of the positive pressure region.

The reattachment of the boundary layer downstre:un of the jet is not well understood.
Experiments have indicated a pressure rise similar to that at separation, with the gradient at
reattachment usually being in excess of that at separation.

The downstream pressure distributions have frequently been compared to pressure distributions
behind rearward-facing steps. These preS!5ure distributions have been estimated by using various,
base-flow analyses. As indicated by Kaufman (reference 20), determining the proper start
conditions for the base-flow models has been difficult. This is due to the existence of large
gradients in the flow and no detailed flow-field measurements in this region to guide the
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,,,ketion of the proper jet-flow conditions to be utilized as the initial conditions in the base-flow
'i1L1ly'ses

As stated earlier, the Datcom method does not account for aft-end forces, because all nozzles are
"ssumed to be located at the aft end of their respective surfaces.

Three-Dimensional Effects

rJnee-dimensional flow fields result from low-aspect-ratio jets located on both flat plates and
more complicated bodies. Reference 2 presents a description of the flow field and the relative
dIfferences between two- and three-dimensional flow. The more salient aspects are presented here
for the reader's benefit.

Three-dimensional effects in the jet-interaction flow field are not well understood quantitatively.
This is partly due to the fact that less effort has been devoted to the three-dimensional problem,
'1lI1 more significantly because of the general complexity of three-dimensional flow. The
boundary-Iayer-separation problem alone is not very well understood for three-dimensional flow.
Unfortunately, the more significant differences between two- and three-dimensional flow fields
are observed fa be the extent of the boundary-layer separation and the geometry of the shocks.
'" contrast to two-dimensional flow, the three-dimensional boundary-layer separation is greatly
,'Jured as a result of the lateral flow component, allowing the boundary layer to bleed off
"round the sides of the plume. This minimizes the viscous effects and creates a largely inviscid
phenomenon.

The most obvious concern with three-dimensional flow is the possible loss in effectiveness due to
end effects. However, reference 5 points out that integration of the pressure distribution over a
7-degree cone shows that the normal-force coefficient obtained is the same as the normal-force
coefficient per unit span of a two-dimensional jet with the same jet mass flux. This behavior is
attributed to a favorable interaction between the cross flow and the main stream, which increases
the effective span of the jet. However, this conclusion was based on limited test data and has not
been corroborated for various flow conditions.

Unlike a jet on a flat plate, an adverse interaction has been observed to occur frequently on
three-dimensional bodies. This is attributed to the effect of "wraparound," i.e., the propagation
of the disturbance to the sides or the underside of the body. Much of the interaction force
created by three-dimensional nozzles results from the high-pressure region immediately behind
the bow shock, which forms a hyperbolic high-pressure ridge on the surface of the body
extending out from the region of the nozzle. In addition, the low-pressure region directly
downstream of the nozzle, which has an adverse effect on the interaction force, is virtually as
effective on a cylindrical body as on a flat plate; therefore, negative interaction forces commonly
occur on such vehicles.

Although the existing method of analysis in reference 2 provides fair agreement with
experimental data, additional sophistication in the shock-body interaction analysis is
contemplated, and improved correlation is expected. References 4,5, 18, and 21 offer additional
information regarding the pressure distributions and jet-interaction phenomena for three
dimensional flow.
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For obvious reasons it is desir:lble to obtain the· highest possible jet-interaction forces. This Ie@s
to the consideration of various nozzle inclination angies. Figure 6,3.241 (reference I) presents
the amplification factor versus injection angle for various values of nozzle exit velocities and
normal sonic amplification factors. From this fJgUre it can be seen that substantial gains in
performance may be achieved by inclining the nozzle upstream, provided that large amplification
factors (control force normal to wall normalized with respect to vacuum thrust of sonic nozzle)
are realized from a normal sonic nozzle. The reason for this is apparent when it is realized that
inclining the nozzle upstream tends to increase the interaction force and to decrease the normal
component of thrust. Hence, if only a moderate interaction force is realized for a normal so~ic

nozzle, then little may be gained by upstream injection because of the loss in the nomal
component of thrust. However, if injection normal to the wall produces a large interaction force
relative to the thrust, then substantial improvement may be realized by inclining the nozzle.
Maurer in reference 22 states that the optimum injection angles against the main stream were in
the range of 15° < t/l < 45°

Inherent with obtaining the maximum control-forqe effectiveness isJocating the nozzle to achieve
the most desirable pressure distribution. Unfortunately, many discrepancies and questions are
found in the literature regarding the contribution of aft-end forces. Pressure distributions
downstream of the nozzle can be found in references I, 8, 20, 23, and 24; to list a few. Bal1les
(reference I) found that the aft interaction forces due to a

l
laminar boundary layer are

considerably smaller than the forward forces (see sketch (c». 11\ contrast, he found that for

1

Ma:> =8 I/'J TOTAL
R = 1 X 10

6/ft
- 'a:>

FORCE

a=O V ~ORWARDPa:> =.0215 psia /' ./
- Side plales installed

~V FORCE

_ AFT- e ./"
FORCE V V
ESTIMATED

_ ACCURACY

BAND A .~ ..f.'lAFT

1 ff/ '"
FORCE

T 0

T
I

o

4

5

1

3
INTERACTION

FORCE
(Ib) 2

o 1 2 3 4

JET STAGNATION PRESSURE, po. (psia)
J

5

SKETCH (c)

JET INTERACTION FORCES FOR k\ LAMINAR BOUNDARY LAYER

6.3.2-7



turbulent flows the aft-end forces added significantly to the total foree, as is evident in
sketch (d). However, the contribution of downstream forces In turbulent now was found to

decrease rapidly as the mass-flow rate increased. Although these sketches do not hold true for all
nozzle configurations and flow conditions, they do indicate the rdative contribution available
from aft-end forces. Kaufman (reference 20), in addition to corroborating the findings of Barnes,
found that the reattachment pressure increased strongly wIth increasing Mach number. Spaid and
Zukoski, in reference 8, indicate a dependence of downstream pressure on Mach number,
mass-flow rate, and injectant fluid properties. With hdium as an injectant, higher downstream
static pressure levels were obtained in comparison with those for nitrogen.
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An iterative method, utilizing experimental data classified according to nozzle aspect ratios
(span/width), is presented in reference 20, which predicts upstream and downstream pressure
distributions. The results of the method agree qualitatively with experimental data, although
more theoretical analyses must be developed before it becomes a reliable predicting technique.

In general, because of the complexity involved in the interaction phenomena, no consistent
nozzle angle or location yields the optimum design for the large range of possible applications
and environments; each case must be considered separately.
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Although the supersonic jet experiences an increase in reaction force over the sonic jet, it also
experiences a decrease in the interaction force; it is not obvious which occurrence dominates.
The decreased interaction force is a result of a lower pressure at the exit for a supersonic jet.
This prevents the jet from expanding into a full plume upon leaving the nozzle, consequently the
interaction force decreases. An example of the relative effect of nozzle exit velocity on surface
pressure is shown in sketch (e), from reference I. The Datcom method predicts improved
performance by obtaining supersonic velocities at the nozzle exit. Although experimental data
indicate that supersonic nozzles exhausting normal to a wall produce virtually no change in
control force, the Datcom method predicts a moderate gain. Experiments show that a beneficial
effect occurs principally at positive upstream injection angles.
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Experimental data show that jet-flow parameters are dominating factors in the jet-interaction
phenomena. The more prominent features of the flow are determined by the strength of the jet.
For very weak jets (jets with very low· pressure ratios (POj/Pl », the jet behavior has been

described by Kaufman in reference 20 as similar to film cooling of the surface. There are no
separated flow regions, and boundary-layer analysis can describe the resulting flow. In reference
25, Kaufman considers weak jets and focuses his work on the downstream pressure distributions.

Because the Datcom method applies only to strong jets (jets sufficient to induce separation of
the boundary layer), it is pertinent to ascertain if separation exists. Available data are not
conclusive, but it appears that the minimum nozzle exit pressure p. to achieve separation must
be of the order of twice the plateau pressure P2 in the separated boundary layer. Turbulent
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flow yields a higher plateau pressure, hence it is the determining condition for establishing a
minimum jet-<;trength requirement. The minimum jet-pressure ratio (PO/PI) required to induce

separation is presented in figure 6.3.2 -43 (reference I). At pressure ratios substantially below
those in figure 6.3.2-43, the Datcom method is probably not valid.

When pressure ratios are above the minimum required, some discrepancy exists in the literature
regarding the effect on the amplification factor. Werle in reference 26 concludes that a slight loss
in effectiveness is displayed as PO/PI approaches infinity, while Barnes in reference I indicates

virtually no change in amplification factor. Reference 20 contains a summary of available
jet-interaction data wherein pertinent flow parameters along with the various slot geometries are
tabulated.

The Datcom method does not explicitly account for variations in angle of attack. These changes
in angle of attack must be accounted for in evaluating local flow conditions and the state of the
boundary layer. At high angles of attack, with the jet on the leeward side, caution must be used.
The flow will begin to separate, and the jet will essentially be exhausting into a dead-air region
that results in the interaction force decreasing to zero. Pressure distributions for small variations
in angle of attack can be found in references I and 20 for flat plates, and in reference 3 for an
ogive-cylinder.

Several methods for modulating the control force have been suggested. The more pragmatic
methods are: pulsing the jet with a constant jet pressure with a pulse duration proportional to
the impulse required, using multiple nozzles which are individually actuated, varying the jet
plenum pressure, and combinations of these.

The Datcom equations describing the upstream jet interaction have been obtained from a
momentum balance method. Several other techniques have been used by investigators in their
attempts to establish the most complete and reliable prediction scheme. Blast-wave analogy has
been used in references 2 and 27. Other investigators (references 5 and 28) employ finite
difference techniques in conjunction with various methods in an attempt to describe the flow
field.

NOTATION

SYMBOL

a

b

c

6.3.2-10

DEFINITION

speed of sound

span of slot nozzle (normal to flow direction)

nozzle discharge coefficient

vacuum-thrust coefficient

control-force coefficient

pressure coefficient, Cp = (P ~ PI )!ql



SYMBOL

F.
Jo

h

h,

K

L

M

m

p

q

SF

DEFINITION

drag coefficient

width of nozzle exit in the flow direction

diameter of surface ltlilding edge

width of nozzle throat

control force

vacuum thrust

maximum height of sonic line above surface (effective jet height)

maximum height of separated boundary layer above the surface

jet vacuum specific impulse

upstream amplification factor (control force normal to the surface normalized
with respect to vacuum thrust of sonic nozzle)

upstream amplification factor of normal sonic nozzle

distance of nozzle from plate leading edge

Mach number

nozzle mass-flow rate

pressure

jet plenum pressure

dynamic pressure, q = pV2/2

Reynold number based on length L (dimensionless)

Reynolds number based on the distance to the separation point (dimensionl~ss)

unit Reynolds number based on free-streamconditions

safety factor
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SYMBOL

v

8

p

a

cr

e

max

min

R

s

t

trim

2

2'

3

4
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DEFINITION

velocity

center-of-pressure location measured relative to leading edge

angle of attack (positive with jet on lee side of model)

specific-heat ratio of jet gases

angle of secondary shock

mean free path (average distance traveled between molecular collisions)

pressure ratio across secondary shock

density

boundary-layer separation angle

inclination of nozzle center line relative to an axis normal to surface

SUBSCRIJ7fS

corrected

nozzle-cxit conditions

maximum value

minimum value

reattachment conditions

separation conditions

throat conditions

trim condition

ambient conditions on plate in the absence of a jet

conditions in the region of the separated boundary layer

conditions at the second peak pressure in the separated boundary layer

conditions in the separated region just before the reattachment shock

conditions in the region corresponding to the peak downstream pressure after
the reattachment shock



SYM,BOL

00

•

DEFINITION

undisturbed free-stream conditions

SUPERSCRIPT

sonic conditions

DATCOM METHOD

A method for sizing a two-dimensional ~ansverse-jet control system, modulated by varying the
jet plenum pressure, is presented in the following procedure. This method is based on a
continuum concept and is valid in the Mach number .range of 2 to 20. When the mean free path
of the surrounding flow X approaches 0.1 of the jet width d.. the method begins to break
down. The method is completely invalid when the mean free path equals the jet width. The
method is invalid because of angle-of-attack effects when (I) the angle of attack is such that the
leading-edge shock interacts with the jet-interaction region; or (2) the boundary layer is separated
at the jet location prior to jet discharge.

For a transverse-jet control system that is modulated by pulsing the jet with a constant jet
plenum pressure, the sizing procedure is similar to the Datcom method. The primary objective is
to determine the maximum jet plenum pressure required to satisfy the trim and separation
requirements. This enables the nozzle throat width to be calculated.

The Datcom method consists of first obtaining a time history of the local-flow parameters at the
nozzle exit prior to jet discharge. These parameters are then used in conjunction with the time
history of the control force required to trim the vehicle, to obtain a control-force coefficient.
This control-force coefficient is then corrected, and the sonic amplification factor is obtained as
a function of the state of the boundary layer and the Reynolds number. The true value for the
amplification factor is then obtained from design charts that account for the nozzle inclination
angle and nozzle exit Mach number. From the local Mach number and the nozzle exit
conditions, values for the minimum jet plenum pressure required to induce flow separation are
obtained. This minimum jet plenum pressure and the vacuum thrust, calculated using the true
amplification factor, allow calculation of the nozzle throat diameter. This in turn permits the
calculation of the jet plenum pressure and propellant weight requirements to trim the vehicle.

Step I. Determine if the boundary layer is separated at the jet location prior to jet discharge.

Because of the complex nature of boundary-layer separation at hypersonic speeds, no
single criterion is available to accurately determine the location of separation. Exact
locations can only be determined through wind-tunnel testing. However, for
preliminary-design conditions, the simple Newtonian-shadowing criterion may be used.
For a nozzle located on the leeward side, this criterion assumes the location of the
separation point to be just downstream of the leading edge when the leeward surface is·
not directly visible to the free stream. Thus, using the Newtonian-shadowing criterion
restricts the Datcom method to transverse-jet control systems located on the windward
surface.
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If the boundary layer is separated prior to jet discharge, the jet-interaction force is
probably nil'. For this case, the only force is that due to the reaction of the jet,
nullifying the Datcom method.

Step 2. Determine the time-history values required for the control force Fe to trim or
maneuver the vehicle, the associated free-stream Mach Number M , and the associated

~

angle of attack" .
~

These parameters must be obtained from an outside source because of the numerous
possibilities for vehicle design and mission trajectories. The jet-interaction center of
pressure can be assumed to be located at the nozzle for determining the time history
of the control force.

Step 3. Determine the time-history values of the local-flow parameters: Pl' q1 ' Ml' and R2L in

the absence of jet exhaust. The ratios of pressure, dynamic pressure, Mach number,
and Reynolds number behind an oblique shock to their respective values in the free
stream can be obtained from figures 6.3.2-30, -31, -32, and -33, respectively. These
oblique shock ratios are valid so long as the following relationship holds:

L
0.1375 -- + 2.0

dLE
-----,-- > 1.0

M
~

For a thick leading edge and for high Mach numbers, the above relationship becomes
invalid, disallowing the calculation of the local-flow parameters by oblique-shock
theory. This requires calculating the local-flow properties by other available methods,
such as tangent-wedge, blast-wave, Newtonian-impact (reference 29), or the Moeckel
shock~oss theory (reference 30).

Step 4. Determine the time history of the state of the boundary layer from wind-tunnel data
that approximate the actual flow conditions, or as a function of M1 and R2L from

figure 6.3.2-34.

Step 5. Make the following initial choices regarding nozzle geometry, if not already established.

a. Assume a nozzle span b that is as large as the vehicle geometry permits.

b. Choose a nozzle injection angle ¢, where 0 < ¢ < 45~

Step 6. Determine the nozzle exit Mach number Me and the jet vacuum specific impulse I,p.

The calculation of these parameters requires knowledge of the propellant as well as of
the plenum temperature and nozzle shape. It is therefore advisable that these
parameters be determined by the propulsion engineer and designer.
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Step 7. Determine the time-history values of the control-force coefficient C~c by

~c = 6.3.2-a

Step 8. Calculate the value of the vacuum-thrust coefficient using the value of specific-heat rat io
associated with the propellant by

6.3.2-b

Step 9. Calculate the time-history values of the corrected control-force coefficient by

6.3.2-c

Step 10. From the Reynolds number and the state of the boundary layer at each time intervaL
select the appropriate figure from the sizing charts (figures 6.3.2 -35 a through -35 e and
-40) and determine the time-history values of the amplification factor Ko for a normal
sonic nozzle. For a laminar boundary layer interpolate between figures 6.3.2 -35 a
through -35 e. For a turbulent boundary layer, which is independent of Reynolds
number, use figure 6.3.2-40.

Step II. Determine the time-history values of the true amplification factor K from figure 6.3.2-41
or 6.3.2-42, or by

where

_'Y_
'Y + I

v. ] [v. at]cosq,- sin q, + - + - --
at at V. 2

6.3.2-d

[ ]

1/2
V h + I)M 2

a~ = 2+ (oy - I;M/

Ste? 12. Calculate the time-history values of the vacuum thrust by

6.3.2-0

6.3.2-f

Step 13. Determine a time-history value of the minimum jet plenum pressure required to induce
separation (Po.) . as follows:

J min
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a. Obtain the time history of the minimum jet plenum pressure ratio (PoJ/P\) . as a
mm

function of V,!a, and M\ from figure 6.3.2-43.

b. Multiply these pressure ratios by the corresponding "~,,,'e nf local pressure PI to
obtain (po \ .; i.e.,

J I min

6.3.2-g

Slep 14.

.',top IS.

From the time-history values in steps 12 and 13, determine the maximum value of the
vacuum thrust (Fj \ and the maximum value of plenum pressure (po)

, o/max j max

Calculate, using experimental data if available, a value for the nozzle discharge
coefficient c (defined as the ratio of the actual nozzle flow to the flow calculated by
isentropic laws). In reference 31, relations are given relating the nozzle dbcharge
coefficient to the velocity coefficient, polytropic efficiency, and other nozzle
parameters. However, all these relationships require some experimental knl)wledge of
the nozzle.

If no experimental data are available for the nozzle, a value of 0.90 can be assumed
wLth concurrence of the nozzle designer. This value was the lower bound for nozzle
discharge coefficients experienced by the investigators in reference 1. However, caution
must be used because values as low as 0.71 for nozzle discharge coefficients have also
been reported (reference 3).

Step;" Calculate the nozzle throat width required to provide a vacuum thrust at least as large as
the peak value predicted to trim the vehicle. The use of a safety factor to allow for
dynamics and contingencies may be desirable (see sample problem). Compute the nozzle
throat width as follow":

6.3.2-h

Step 17. Calculate the time-history values of the jet plenum pressure required to trim the vehicle by

(Po)
J trim

=

F
JO

6.3.2-i

The jet plenum pressure required to trim the vehicle should always exceed the
minimum jet plenum pressure required to induce separation (PO.). in step 13.

- J mm
When the jet plenum pressure required to trim the vehicle is less than the minimum jet
plenum pressure required to induce separation, two choices are available: (a) the throat
width can be reduced with a corresponding increase in jet plenum pressure; (b) no
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change can be made, with a loss in effectiveness (amplification factor) for a short
period of time. The second choice is preferable because economically and structurally
it is advantageous to keep the jet plenum pressure as low as possible.

Step 18. Cllculate the time-history values of the mass-flow rate by

m = 6.3.2-j

Step 19. Calculate the required propellant weight by integrating the time history of the
mass-How rate.

Step 20. Revise the preliminary estimates made in step 5 and reiterate to obtain an optimum
configurdtion based on trade-offs between system weight, jet-plenum-pressure require
ments, and the available control force.

The approach described above is based on the assumption that the jet.interaction center of
pressure is located at the nozzle (step 2). In many practical applications this assumption
introduces only a small error, particularly for turbulent boundary layers and for relatively
low-aspect-rdtio nozzles. Present knowledge of jet interaction does not allow an accurate
determination of the center of pressure, particularly for laminar boundary layers. However, an
approximate method from reference I is presented.

The most extreme forward location of the center of pressure results from a two-dimensional
nozzle located at the end of a plate. This location can be evaluated and used as a guide in
estimating the true center-of-pressure location.

For three-dimensional nozzles the longitudinal extent of the separated boundary layer is much
closer to the nozzle than for the two-dimensional case. Experimental data indicate that for most
three-dimensional configurdtions one-half of the calculated value will be conservative and should
suffice for preliminary-design purposes.

Step 21. Determine the time-history values of the center-of-pressure location for each time incre-
ment as follows: '

a. For laminar flow

(I) Assume a value for the separation Reynolds number R£, of approximately
one-fifth the Reynolds number based On the nozzle location R£L' (It should
be noted that although R£, is based on the separation location, it does not give
an accurate value for the separation location.)

(2) Calculate the plateau-pressure coefficient Cp 2 by

1.60
6.3.2-k
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where

(3) Calculate the total drag coefficient of the interaction phenomena by

Cx = 4.75 C
P2

(4) Calculate the normalized effective jet height by

(5) Calculate the plateau pressure by

(6) Calculate the tangent of the boundary-layer separation angle by

6.3.2-Q

6.3.2-m

6.3.2-n

[

7M12-(6~+1) ]1/2
6~ + I

6.3.2-0

where

(7) Calculate a new value for the normalized effective jet height by

(~) = (I -3) tan 0
L new RQ

L

6.3.2-p

6.3.2-q

6.3.2-18

(8) If (~) given by equation 6.3.2-q is not equal to (E.) given by equation
L new L

6.3.2-m, i.e., (~).ew 0/= (~). choose a new value for RQ, in step 2I.a.(l) and

iterate untilG)new = (~}



(9) Calculate the normalized center-of-pressure location with respect to the nozzle
10cati01l by

where

I
Ge!I-

K

and Cp is based on the correct value of Res_ (step 2I.a.(2»
2

b. For turbulent flow

(I) Calculate the plateau-pressure coefficient. C
p

2

C = 0.41 + 0.481 M) - 0.0509 M)2 + 0.0061 M)3
P2

For M) > 5

6.3.2-r

6.3.2-s

6.3.2-t

6.3.2-u

(2) Calculate the normalized center-of-pressure location with respect to the nozzle
location by

[ (C)]xep G Fe
L = (I-G)+G 1- 2 C

P2

where

(equation 6.3.2~r)

I
Ge!I-

K
(equation 6.3.20$)

If the calculated value for the center of pressure appears to introduce a significant error into the
determination of the required control force in step 2, a new cohtrol force should be calculated and
the procedure repeated for sizing the nozzle.
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sample Problem

Given: A transverse jet located at the trailing edge of a flat plate

L = 10.0 ft

Me = 2.39

b = 2.0 ft

r = 1.2 I sp = 225.0 sec c = 0.90

The sample problem presents a hypothetical case which serves to iIlustrate the Datcom method.
The time-history values of the control force Fe must be calculated or established prior to the
application of the Datcom method. For a real problem, the time-history values of the free-stream
Mach number M~ and the angle of attack a~ must also be determined prior to rhe appHcation

of the Dat<;om method, in order to obtein the time-history values of the local-flow parameters.

TAeLE 6.3.2·A

SAMPLE TRANSVERSE.JET SIZING CALCULATIONS

I ,. Time (sec) 1 2 3 4 5

I 2. Control Force, Fe Obi 1000 2000 1000 500 200,
i
! 3. Local Mach No., M t 10.0 9.0 8.0 7.0 6.0

I 4. Reynolds No., AQ
L

1 x 108 5 x 107 1 x 107 5 x 106 ,)( 106

5. Local Pressure. P, Ob/in.2 , 1.70 0.65 0.25 0.10 0.04

6. Dynamic Pressure, q, lIblin.2 ) 119 36.8 11.2 3.43 1.01

7. Boundary Layer turt> turb turt> turb lam

8. Control·Force Coeff., CFc " Fc!(q, b LI 0.00292 0.0189 0.0310 0.0506 0.0688 ,

9. Corrected Force Coeff" (C F ) 0.00296 0.0192 0.0314 0.0513 0.0698
c C<

10. Sonic Amplification Factor. Ko 2.53 2.1S 2.10 2.05 2.80

11. Amplification Factor, K 3.44 2.86 2.78 2.70 3.86

12. Vacuum Thrust, F
iO

lib) 291 700 360 185 51.8

13. Min. Pressure Ratio, (PO/Pt)min 560 510 465 420 375

14. Min. Jet Pressure, (POj)min lIb/in.2 ) 950 332 116 42 15

15. Jet Pressure, (POi),rim Ohlin.2) 316 760 391 201 56.3

16. Mass-Flow Rate, m(Ib/sec) 1.29 3.12 1.60 0.82 0.23

With the time-history values of the local-flow parameters completed in items 3 through 7 of table
6.3.2-A, the calculation for the sample problem continues for t = I second with step 4.
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Determine the state of the boundary layer from wind-tunnel test data or as a function of M1

and R2L from figure 6.3.2-34.

Determine the control-force coefficient

(equation 6.3.2-a)

1000
= (119) (2) (10) (144)

= 0.00292

Determine the vacuum-thrust coefficient

(equation 6.3.2-b)

= (
2 ) 1.~:1

1.2 + 1
(1.2 + I)

= 1.25

Determine the corrected control-force eo'lr,icient

= (0.00292)

(CFc \, = (qIF:L) C·~:o8)

(::~~~)
= 0.00296

Determine the sonic amplification factor

(equation 6.3.2-c)

Ko = 2.53 (figure 6.3.240)

Determine the true amplification factor

K = 3.44 (flj!ure 6.3.241)
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Determine the vacuum thrust

F
c

(equation 6.3.2-f)F =
10 K

1.000
= --

3.44

= 291 lb

Determine the minimum jet plenum pressure required to induce separation

(
P

Oj
) _ 560 (figure 6.3.2 -43)

PI min -

~p) = (POj
) P (equation 6.3.2-g)

OJ P 1
min 1 min

= (560) (1.70)

= 950 Ib/in.2

The remaining steps cannot be based On one time segment; i.e., the total time history of the various
parameters must be considered.

Determine the throat width

( Fio) SF
max

cCf b (Po.)
o J max

(700) (1.25)
=

(0.9) (1.25) (24) (950)

= 0.0341 in.

(equation 6.3:2-h)

The safety factor is determined from the maximum thrust and the maximum jet
plenum pressure. The maximum thrust required is 700 Ib; however, a value of 900 Ib
should allow for contingencies. If the design value for the maximum jet pressure
required to induce separation is chosen to be 1000 Iblin.2 rather than the value of 950
Ib/in.2 in table 6.3.2-A, the safety factor can be expressed as
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SF

design

= (900) (950)
\1000 700

= 1.21, use 1.25

The jet plenum pressures required to trim the vehicle are calculated based on the throat width
by using equation 6.3.2-i. These calculated plenum pressures must always exceed the plenum
pressure required to induce separation (950 Ib/in.2 at the initial time period of one second). The
jet plenum pressures required for trim (item 15 in the table) were computed as follows:

(Po.)
J trim

=

F.
Jo

(equation 6.3.2-i)

=

F
Jo

(0.9) (1.25) (24) (0.0341)

= 1.086 F
io

It is seen that the jet plenum pressures required for trim (item 15) are less than the specified
minimum value at the initial time of one second. Two choices are available: either the throat
width can be reduced with a corresponding increase in jet pressure or, if this proves' to be
detrimental to the system weight, then some loss in effectiveness can probably be accepted for a
short time period in order to avoid increasing the jet pressure. The proper choice depends upon
the sensitivity of the control-system weight to an increase in jet plenum pressure.

The propellant weight required to trim the vehicle is obtained from the integral of the mass-tlow
rate m in item 16. For the sample problem, the required propellant weight to trim the vehicle is
7.06 lb.

In order to arrive at an optimum nozzle design in any particular application, several iterations of
the above procedure should be made with systematic variations in the initial assumptions. If
extensive sizing studies are required and if suitable computing facilities are available, a computer
program, described in reference I, should be used.

Determine the center-of-pressure location.

Two cases are presented to illustrate the procedure: one where the boundary layer is turbulent
and one where the boundary layer is laminar.
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Case I t = 4 seconds (turbulent flow)

CF = 0.0506
c

K = 2.70

(table 6.3.2-A)

C = 0.2257 - 0.0232 M
I

+ 0.0014 Ml
z - 0.00003 MI

3
Pz

= 0.2257 - 0.0232 (7) + 0.0014 (49) - 0.00003 (343)

= 0.1216

1
G "" 1 -- (equation 6.3.2-s)

K

1
= 1-- = 0.632.70

Xcp
= (I -G)+G [1- ~ (~::)] (equation 6.3.2-r)

L

= (1 - 0.63) + 0.63 [1 _0.63 C·0506
)]

2 0.1216

= 0.917

Xcp = (0.917) L

= (0.917) (10)

= 9.17 ft from lead ing edge

Case II t = 5 seconds (laminar flow)

MI 6.0

(equation 6.3.2-u)
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~ = 0.0688
<

K = 3.86

(table 6.3.2-A)



Po, = 56.3 Ib/in21

PI = 0.04Ib/in. 2 , (table 6.3.2-A),
'II = 1.01 Ib/in2 .

First iteration (assume RQ = I x 105 ),

C
P2

1.60

IRQ, (M1
2

- 1)]1/4

1.60=
(105 (36 - 1»)1/4

(equation 6.3.2-k)

= 0.037

Cx = 4.75 C (equation 6.3.2-£)
P2

= (4.75) (0.037)

= 0.1758

(equation 6.3.2-m)

= [(56.3) (0.0341)]
(0.04) (10) (12)

= (Q.400) (0.2605)

= 0.104

[
(2) (1.25) ]

(I. 2) (0.1758) (36) +2

(equation 6.3.2-n)

= (0.037) (1.01) + 0.04

= 0.0774Ib/in. 2

0.0774

0.04
= 1.93 (equation 6.3.2-p)
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[ 5 (~ - I) ]
[ 7 MI

2 _ (6 ~ + I) ] 1/2
tan a =

7 MI
2 - 5 a - I) 6 ~ + I

[ 5 (0.93) ] [7 (36) -[6 (1.93) + I]r/2

= 7 (36) - 5 (0.93) 6 (1.93) + I

= (0.0188) (4.36)

= 0.082

(~tw = (I - :2~) tan a (equation 6.3.2"'1)

= (1_~05) (0.0819)
106

= 0.0738

Since 0.0738 # 0.104, try a second iteration.

Second iteration (assume R2 = 5 x 104 )
s

(equation 6.3.2-0)

= 0.044 (equation 6.3.2-k)

ex = (4.75) (0.044) = 0.209 (equation 6.3.2-£)

h
- =
L [

(56.3) (0.0341) ]
(0.04) (10) (12) [

2 (I. 25) ]
(1.2) (0.209) (36) + 2

(equation 6.3.2-m)

= (0.400) (0.227)

= 0.0908

P2 = (0.044) (\.01) + 0.04 = 0.0844Ibfin.2 (equation 6.3.2-n)
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= 2.11 (equation 6.3.2-p)



tan a =
[

5(1.11) ]
252 - 5 (1.11) [

252-[6 (2.11) + II] 1/2

6(2.11)+1
(equation 6.3.2-0)

= (0.0225) (4.18)

= 0.094

(hL) = (I _5X
6
1a') (0.094) = 0.0893

new 10

Since 0.0893 0/= 0.0908, try a third iteration.

Third iteration (assume RQ = 4.85 x Ia'),

1.60
C = = 0.0443

P2 [(4.65 x 104) (36 - 1)]1/4

(equation 6.3.2-q)

(equation 6.3.2-k)

C = (4.75) (0.0443) = 0.210x (equation 6.3.2-~)

~ = [(56.3) (0.0341)]
L (0.04) (10) (12)

= (0.400) (0.226)

= 0.0904

[
(2) (1.25). ]

(1.2) (0.210) (36) + 2
(equation 6.3.2-m)

P2 = (0.0443) (1.01) + 0.04 = 0.0847Ibfin.2 (equation 6.3.2-n)

0.0847
=

0.04
= 2.118 (equation 6.3.2-p)

tan a = [ 5 (1.118) ]
252 - 5 (1.118)

= (0.0227) (4.17)

= 0.0947

[
252 -[6 (2.118) + II] 1/2

6(2.118)+1
(equation 6.3.2-0)

(~) = (I _4.95 X
6

10
4

) (0.0947) = 0.0901
L new 10

(equation 6.3.2-q)
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0.0901 "" 0.0904; therefore R£ = 4.85 x 104
s

c = 0.0443
P2

1 1
0.741 (equation 6.3.2-s)

G "" 1 - - = 1- =
K 3.86

xcP
(I - G) + G

[1 - ~ (~:)] (equation 6.3.2-r)=
L

(I - 0.741) + 0.741 [1
0.741 (0.0688))= ---

2 0.0443

= 0.574

Since the value of xcp/L = 0.574 is a conservative estimate of the most extreme forward
position for a two~imensional nozzle, the actual value is probably close to 0.75 or 0.80 (see
discussion prior to step 21). Since the center of pressure for t = 5 seconds is not close to the
nozzle location, it would be advisable to calculate a new control force based on the approxi
mate value of xcp = 7.5 ft and repeat the sizing calculation for t = 5 seconds.
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6.3.4 AERODYNAMICALLY BOOSTED CONTROL-SURFACE TABS

Aerodynamically boosted control-surface tabs have been successfully used to reduce the forces on
reversible-control systems for many years. Linear methods from Reference I are presented herein
for estimating the stick forces for a variety of the most commonly used control-surface-tab systems.
Because of the compressibility effects on tabs at high speeds, the application of these methods
should be restricted to subsonic flow; i.e., speeds below the surface critical Mach numper or not
above a Mach num ber of 0.90, whichever is least.

In order that the Datcom user may better understand the complex design considerations fa. a tab
system, a general discussion (essentially taken from Reference I) of pertinent design parameters for
control-surface-tab systems is presented. For more details regarding tab systems the reader is
referred to References I through 6. For a discussion and method of springy tabs or downsprings,
the re.ader is specifically referred to Reference 6.

System Description

Aerodynamically boosted control systems can be divided into two distinct classifications:
direct-control systems and indirect-control systems. Aerodynamic boost in direct-control systems
includes nose aerodynamic balance, internal pressure balance on the main control surface, and may
also include a tab "geared" to the main control surface. Sketch (a) illustrates the simple form of
direct control without a tab, called "pure direct control."

CONTROL SURFACE

TO PILOT CONTROL _----Fl,
I \

1;~::::::-~~~==~~:::~::=:::~__
..-~

'-----y

SKETCH (a) PURE DIRECT CONTROL

Sketch (b) illustrates the simple form of direct control with a tab, called a "geared tab."

URFACE

CONTROL

I CONTROl. S

~::""--.
I \

, ~TAB

\. - -

Ty
\ I

TO PILOT

SKETCH (b) GEARED TAB
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The most commonly used aerodynamically boosted control systems' fall into the indirect-control
classification. Indirect-eontrol systems may be subdivided into two types, one in which the pilot has
direct control over both the tab and the main control surface and one in which he controls only the
tab. Those systems in which the pilot has direct control over both the tab and the main control
surface are referred to as link-tab systems. The three types of link-tab systems are plain linked tab,
srring tab, and geared spring tab, shown schematically in Sketch (c).

PLAIN LINKED TAB

SPRING TAB

GEARED SPRING TAB

SKETCH (c)

"The control surface may be either an elevator. aileron. or rudder, throughout the discussion.
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The fundamental relationship of the three tab systems is depicted in Sketch (c). It IS evidenllh"' .,
spring-tab system is a plain linked tab with a spring added. The geared spring tab includes all th,'
components of a spring tab, but with the spring arranged in series with a geared tab link.

The second type of indirect-control system is distinguished from the link-tab systems in that Ill>
pilot controls only the tab and is therefore called the pure-flying-tab system. The three types 0'

flying-tab systems are the pure flying tab, spring flying tab, and the geared flying tab as shown
schematically in Sketch (d).

PURE FLYING TAB

SPRING FLYING TAB

~

1--..
'- ::::"'--

- r -
\ ::;:::::::\ Ir0-

Y \.

GEARED FLYING TAB

SKETCH (d)
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A~ain, the fundament"1 relationship of the three tab systems is evident in Sketch (d),

It should be noted that both the plain linked tab and the pure flying tab have been called
"servo-tabs" in much of the literature, However, since they are not identical systems, because of the
different location of the cockpit control connecting point, it is important to maintain some
distinction between the two.

In making any comprehensive analysis of aerodynamically boosted control-surface-tab systems, it is
desir"ble first to reduce the special cases to be considered to the minimum number. Such a study
reveals that all of the previously mentioned systems are but special cases of one general system, A
schematic illustration of this general tab system is shown in Sketch (e), Table 6,3,4-A which
accompanies the generalized control system, describes the specific tab system as a function of the
COCKpIt control connecting point, along with the presence of a spring and its location,

L l-F_

c

_-Ho~""A!VB

GENERALIZED CONTROL SYSTEM SCHEMATIC DIAGRAM

SKETCH (el

TABLE 6.3.4-A

Cockpit Control Tab Spring
Connecting Point Configuration Type of Control System

I A No Spring Pure Direct Control

I
A IT Geared Tab

I
B No Spring Plain Linked Tab
B J Spring Tab
6 II Geared Spring Tab,
C II Geared Flying Tab

I J
I

c Spring Flying Tab
C No Spring Pure Flying Tabl-- _.~__

For a .;amplete understanding of this general control-tab system, it is essential that the system
kinematics "re clearly understood, The key feature of the tab linkage is the fact that point C in
Sketch (e) is not fixed to the control surface; i,e" it is free to translate; whereas, point A in
Sketch (el is fixed to the control surface and can translate only with movement of the control. It
should also be noted that the spring configuration I in Sketch (e) corresponds to the case where the
lab gearing link is connected to the hinge bracket at the main control-surface hinge line,
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Key Linkage Parameters

The tab-system designer determines the type of tab system and the system force characteristics by
his selection of three key linkage parameters. These key linkage parameters are:

o The aerodynamic boost link ratio RL, which is an index to the relative location of the
pilot connecting point (A, B, or C in Sketch (e))

o The tab spring effectiveness k

o The tab gearing iJ, which is determined by the connecting linkage between the tah and the
hinge bracket

Boost Link Ratio RL

The boost link ratio RL is specifically defined as the rate of change of the tab deflection with
respect to control-surface deflection with the control column fixed; i.e.,

6.3.4-a

For a general tab system as shown in Sketch (f), the value of RL can be approximated by the
system geometry by

1 n
1

"I- lz I
'- ~

( -,- - -
l.\- ..1'

7 I-V t

-.:::",r.-L

6.3.4-b

SKETCH(t)

From this relationship, the value of RL can be seen as a direct indication of the cockpit control
connecting point. Thus, when the value of RL is zero, the tab system corresponds to a pure flying
tab as shown in Sketch (d). Likewise, when the value of RL is infinite, the tab system becomes a
direct-control system (with a free-floating tab).
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Tah Spring Effectiveness k

The tab spring effectiveness k is defined as the rate of change of mom,",nt on the tab due to the
spring with respect to tab deflection, based on the product of tab area and chord; i.e.,

6.3.4-c

rhus. typical units of k could be Ib/ft 2-deg or lb/in. 2-deg.

COI,trol Tab Gearing Ratio {3

The control-tab-gearing ratio {3 is specifically defined as the rate of change of the tab deflection with
respect to control-surface deflection with k = 00 and the stick free; i.e.,

(
aOtc),

{3 = -- with k
aO e stick

free

00 6.3.4-d

So, for a tab system without any connecting linkage between the tab and the hinge bracket, the
value of {3 is zero, Le., no gearing. For a geared system, the specific value of {3 is determined by the
location of the connecting linkage relative to the control-surface hinge line.

Linkage-Parameter Effects on Forces

For discussion purposes, consider a plain-linked-tab system on a control surface that requires a pilot
force of two hundred pounds to control the main surface, tab free, and a two-pound pilot force for
a pure-flying-tab control. By applying one pound of pilot force to the tab, one-half the total work
required to move the main surface is performed by the tab itself. Then by applying one hundred
pounds of force to the main surface, the remaining one-half of the work is made up by the pilot
directly, and the total pilot effort is 100 + I or 101 pounds. Thus, the link ratio RL defines the
proportions of the force division. At infinite link ratio, the pilot force will be two hundred pounds;
at lero link ratio, two pounds. Therefore, a reduction in link ratio RL results in a reduction of pilot
fOree.

The use <Of a spring on the tab increases the tab hinge moments, and therefore increases the forces of
a plain-linked-tab system. In the preceding example the force reqUired to move the tab may be
increased to, say, twenty pounds. For the same linkage, then, the total pilot force would be 100 +
10 or I III pounds. Essentially, the spring effect adds an element of locked-tab hinge moment and
reduces slightly the free-la b contribution. (This concept may be more clearly understood by
referring to Equations 6.3.4-k and -0, which divide the control column force into contributions due
to the free-tab, locked-tab, and gearing components.) Since the increase due to the locked-tab
element is always greater than the corresponding decrease in the free-tab contribution, the pilot
force will increase with increasing tab spring effectiveness.
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Tab gearing il in the boost direction always reduces the pilot forces (by an increment rather than by
a percentage), although the magnitude of the effect depends upon the values of the tab spring
effectiveness k and the link ratio RL. The effects of the spring and link ratio, however, are not so
simply stated. Here both the magnitude and direction of the effect of one depend upon the value of
the other and also on the tab gear ratio. In order to understand the interrelations between these
parameters, it is necessary first to examine the "aerodynamic" characteristics of a sprin;:;. By this is
meant the relationship of aircraft speed to the spring effect.

Normal aerodynamic coefficients are of course independent of speed if compressibility and
aeroelastic effects are neglected. However, the spring characteristics are represented aerodynam
ically as (k/q) where q is the local dynamic pressure of the airstream. At zero airspeed the
aerodynamic spring characteristic is infinite for all finite values of k. However, at infinite airspeed
the aerodynamic spring characteristic is zero for all values of k. Hence, the characteristics of any
system incorporating a tab spring correspond to those with the tab locked as in pure direct control
(or geared as a geared tab) at zero airspeed, and to a system with no spring at infinite airspeed.

The individual effects of the linkage parameters are interrelated, but are nevertheless independent of
the type of system used. It may be surmised that "special tab arrangements" are in themselves not
that ·significant. What is more important is the matter of choosing proper values of the linkage
parameters for a design application, rather than choosing a particular type of system. To illustrate
this point, Sketch (g) shows three different tab systems for a particular control surface on an
aircraft. Each tab system has been adjusted to yield nearly equivalent force characteristics over the
speed range considered.
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DATCOM METHOD

The Datcom Method presents the fundamental relationship between the pilot forces and the tab and
control-surface moments from which the control-column forces are evaluated.

The control-column force equations are presented in such a manner that the individual
contributions of the various factors, i.e., tab-free, tab-fixed, and gearing contributions can be readily
identified. It should be noted that two control-column force equations are presented, both of which
define a general tab control system for an elevator, rudder, aileron, or other control system having
linear characteristics. The two equations presented are based on different independent variables for
the convenience of the user (they provide identical values of control-column force).

Because of the lengthy control-column force equations, a summary table and shorthand notation
has been used to simplify the presentation of equations. In order to facilitate this presentation, the
following general notation list is provided.

NOTATION'

SYMBOL

Ac =

B1
=

B2 =

B) =

B4 =

c(

Ch c

Ch Ie

CL

DEFINITION

surface mean aerodynamic chord (movable surfaces are defined by their area aft of the
hinge line, and the MAC is of that area)

is the hinge-moment coefficient of the particular control surface, Le., HeAqSec)(either
an elevator, rudder, or aileron)

is the hinge-moment coefficient of the control tab, i.e., Htc~Slecle)

lift coefficient, positive up or to the right

·Units are not specified for deriyfiives. lengths, or aress. It is up to the user to choose his units.and be consistent throughout.
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SYMBOL

CLH

CLV

CLW

CLa

CLaH

C1
~

C2
~

C3
~

C4
~

D1
~

D2
~

D3
~

E1
~

E2
~

E3
~

E4
~

Fe

DEFINITION

lift coefficient of surface to which the main control surface is attached, i.e., CLH '
CLv' or CLw (total lift, including lift due to control deflection, tab deflection, and
angle of attack)

is the horizontal-tail lift coefficient (total lift, including lift due to control deflection,
tab deflection, and angle of attack)

is the vertical-tail lift coefficient (total lift, including lift due to control deflection, tab
deflection, and angle of attack)

is the wing lift coefficient (total lift, including lift due to control deflection, tab
deflection, and angle of attack)

airplane lift-curve slope

airplane lift-curve slope with respect to the tail angle of attack

control-column force in lb (pull force is positive)
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'YMBOL DEFINITION

F elevator stick force in lb (pull force is positive)

F rudder-pedal force in lb (push on left pedal is positive)
p

F1

F 4

·Inax

k

n

q

v

w

=

=

pilot gearing factor (see Equations 6.3.4-f and -f')

maximum stick gearing (see Equation 6.3.4-0

control hinge mqment

tab spring effectiveness, in lb/ft2 -deg (see Equation 6.3.4-c)

airplane normal acceleration or load factor in g's

local dynamic pre·~ure (lb/ft2 )

free-stream dynamic pressure (lb/ft2)

shorthand notation for tab and main surface hinge. moments and key linkage
parameters, obtained from Table 6.3.4-B

aerodynamic boost link ratio (see Equations 6.3.4-a and -b)

surface area (movable surfaces are defined by their area aft of the hinge line)

shorthand notation for tab and main surface hinge moments and key linkage
parameters, obtained from Table 6.3.4-C

airspeed

aircraft weight

fore and aft displacement of control column, positive forward

maximum displacement of control column, positive forward
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SYMBOL DEFINITION

xp fore and aft displacement of right rudder pedal, positive forward

a angle of attack, positive for lift increase

as angle of attack of the surface to which the main control surface is attached, Le., aH ,

a y , or Oiw

a H angle of attack of the horizontal tail

a y angle of attack of the vertical tail

Oiw angle of attack of the wing

(3 control-tab gear ratio (see Equation 6.3.4-d)

e downwash at the horizontal tail

a

c

e

H

p

r

s

tc

tt

= -6,c 16c for a maximum control deflection (the value of A, is positive because
max max

6,c and 6 will have opposite signs)
max Croax

the maximum deflection of the main control surface, in degrees

surface deflection, positive for trailing edge down or to the left, in degrees

air density ratio, piPo

lift efficiency factor for a geared tab system, I + (3C2/C1

SUBSCRIPTS

main control surface (elevator, rudder, aileron, etc.)

elevator

horizontal tail

control pedal

rudder

surface to which the main control surface is attached, Le., horizontal tail, vertical tail,
Or wing

control tab

trim tab
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Fundamental Relationships

The following relationship from Reference 1 is derived from basic considerations of system
equilibrium and fundamental laws, giving a relationship between pilot forces and the tab and
control surface moments, as

6.3.4..,

where the control-surface stick gearing G and the tab stick gearing G are defined ase te

I
Ge =

57.3(:xe1
Dc te

I
Gte =

CXej57.3 -
a6 te e

6.3.4-f

6.3.4-f'

Using Equation 6.3.4.." the aerodynamic boost link ratio RL can be expressed as a function of the
stick and tab gearing, i.e.,

-Gte
=--

G
e

Since the aerodynamic boost link ratio must be positive, it becomes evident that the control surface
.stick gearing Ge and the tab stick gearing Gte must have opposite signs.

The particular form of Equation 6.3.4.., that is used is dependent upon the value of the boost link
ratio; i.e.,

Fe = GeHe

Fe = Gte Hte

Fe = -GeRLHte

for RL = 00

for RL = 0

for 0 < RL< 00

The control surface moments Me for a general tab system (see Sketch (e)) can be expressed as·

6.3.411

-These moment equetionl .r. applicable for symmetrical, untwisted COntrol surfaces that ",i.ld a value of zero for He and Hte when
0c' 0te' liu ' and Q:l,r. all zero.
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6.3 .4-h

and the tab surface moments Mte for a general tab system can be expressed as'
_ k

H'e = S'ec'eq[Dloc +DZote +DJo<, --(0te -l3oel]q

Equation 6.3.4-e is the primary aerodynamic relationship from which the stick forces are evaluated.
It defines not only the force-moment relationships, but also the system equilibrium Therefore,
analysis of any control system can be made if the control-surface and control-tab hinge-moment
characteristics and the system motion characteristics are known.

Another significant parameter is the maximum stick gearing G defined by
em ax

(
aXe)57.3-
aOe max

The stick gearing Ge is related to the maximum stick gearing by the following:

Ge RL + At
=

G RLcroax

6.3.4-i

6.3.4-j

~rom this equation it is eVid~nt that the value of the ratio Ge/Gemax is greater than one. This
sImply means that the cockpit control travel must be greater than that required to bottom the
control with the tab fixed. Sufficient control travel must exist to bottom the control surface and
the control surface tab simultaneously, while allowing for cable stretch.

Control Column Forces

The analysis of a typical tab system requires detailed knowledge of the tab and control
hinge-moment characteristics as a function of the main-control-surface angle of artack. For a
particular angle of attack, Sketch (hl illustrates the typical hinge-moment and gearing data required
to analyze any tab control system.

These data should preferably be obtained from wind-tunnel-test data or may be estimated by using
the hinge-moment methods of Section 6.1.6. Because of the lengthy control-column force
equations, a summary table and shorthand notation will be used to simplify the presentation of the
equations. The format in which the control-column force equations are presented, Le., tab-free,
tab-fixed, and gearing contributions, is used so that the contribution of the various factors can be
more readily identified.

·These moment equations are applicable for symmetrical, untwisted control surfaces that yield 8 wlue of zero for H and H when
6c• 6tc,6

tt
,and Olslllreall zero. c tc
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The two control-column force equations presented herein are modifications of Equation 6.3.4-e,
with the variable ole being eliminated. These equations are for a general tab control system on an
elevator, rudder, aileron, or other control system having linear aerodynamic characteristics. (For
example, when evaluating an elevator tab system, the terms i\, 0e' Che , Cis' etc., hecome ce ' 0e'

Che , CiA' etc., respectively.) The flfst equation is based on the independent variables 0e'Cis ' and Ott;
while the second equation is based on the independent variables CL ' Cis' and ott" Either equation
may be used depending upon the preference of the user.

The flfst equation for estimating the control-column force characteristics, based on the independent
variables °e' Cis' and Ott' is

where

+ Ch R2 + dCh R2]
c tab c tab

locked gearing

6.3.4-k

6.3.4-14

is the maximum stick gearing available as defined by Equation 6.3.4-i. The
value of Gem I x is finite for all tab systen.s with a finite boost link ratio.
However, for flying-tab systems where RL : 0, the value of Gem IX is zero. To
avoid a problem when using Equation 6.3.4-k, the user should realize that the
R1 and R2 terms for flying-tab systems in Table 6.3.4-B contain the parameter
dr' The product of G emlx and d r yields Glemlx or the maximum gearing of
the tab, which has a finite value. Thus, for flying-tab systems a finite value of
Gem I x is not possible; however, Equation 6.3.4-k is still applicable when
Glemlx is used to replace the product of Gem IX and dr'



q is the dynamic-pressure ratio. This value must be consistent with whatever
value is used to nondimensionalize the hinge-moment coeffieien ts in
Equations 6.3.4-2, om, and -no If the hinge-moment coefficients are based on
wind-tunnel-test data, they are probably nondimensionalized with respect to
the free-stream dynamic-pressure ratio. If the Datcom is used to estimate the
hinge-moment coefficients, the local dynamic-pressure ratio should be used.
(Local dynamic-pressure ratio may be obtained from Section 4.4.1 for an
empennage panel.)

Ch = (B t - Dt ::)Sc + ~3 - D3 ~:)as + B4 Stt 1>.3.4-Q
c ta b

free

Ch = B, Sc + B3as+ B4 Stt 6.3.4-m
c ta b

10 eked

~Ch = (lJB2 + IlAcD t + 112 AcD2 )Sc + (IlArD3 las 6.3.4-n
Cgearing

The valueS for R, and R
2

are found from Table 6.3.4-B as a function of the specific type of tab
system. This table also summarizes values for the three key linkage parameters RL , k, and Il for each
specific type of tab system, using an "F" to denote finite values for the parameters.

The second equation for estimating the control-column force characteristics,. based on the
independent variables CL ,as' and Stt' is

s

6.3.4'0

where

q

is the maximum stick gearing available as defined by Equation 6.3.4·;. The
same comments made about Gc for spring tab systems, when usingmax
Equation 6.3.4-k, also apply to the application of Equation 6.3.4-0 (see
discussion following Equation 6.3.4-k).

is the dynamic-pressure ratio as defined above for Equation 6.3.4-k. (Consistent
with whatever value was used to nondimensionalize the hinge-mement
coefficients in Equations 6.3.4-p, -<I, and -r.)
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TABLE 6.3.4-8

Specific Type Linkage

of System RL k ~ R
l

R
2

Geared Tab - - F+ 0 1

Pure Direct Control - - 0 0 1

(R
L

+.A
r
) -(k/qD

2
11R

L
+ A

r
)

Geared Spring Tab F F F
B

2
k B2 k

R + -- - -IR -~I R+----IR-~I
L A

c
D

2
qD

2
L L A

c
D

2
qD

2
L

(R L + '\) -lk/qD2HR L + li
f

)

Spring Tab F F 0
B2

k B2
k

R
L

+ ---IRI R
L

+ -- --(R I
A

c
D

2
qD

2
L A

c
D

2
qD

2
L

(R
L

+.llr)
Plain Linked Tab F 0 0 0

B2
R +--
LAD

c 2

", -(k/qD
2

1 A
r

Gt?ared Flying Tab 0 F F
B

2
k B2

k

A
c
D

2
+ -~ - +--~

qD
2

A cD
2

qD2

", -(klqD
2

1.6.
r

Spring Flying Tab 0 F 0

I
B2 B2

ArP2 AcD2

I ",
I P:..ua Flying Tab 0 0 0 0

B2

AcD2

*C'anotes a finIte value.

C'h
'-tab

10 ck ed
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6.3.4-r

The values for TI and T2' along with values for the key linkage parameters, are foilnd from
Table 6.3.4,(: as a function of Ihe specific type of tab system.

TABLE 6.3.4-<:

Specific Type Linkage

of System RL
k ~ T. T

2

Geered Tab - - F" 0 1/¢~

Pure Direct Control - - 0 0 ,
IR L + 4,' -(k/qF2HRL + .ar )

Geared Spring Tab F F F
E

2
k E

2
k

A +-----¢ IR -~I A +-----¢ IR -m
L AcF2 qF2 {j L L A F QF (j L

, 2 2

tAL + 4 r) -(k/qF2)(R
L

+ 4
r
l

Spring Tab F F 0
E

2
kE

2
k

A +-- --IR ) A + -- ---IR I
L A

c
F

2
qF

2
L L A

c
F

2
qF

2
L

tAL + dr'
0Plain Linked Tab F 0 0

E
2

A +--
L A F, 2

", -lk/qF2' .6.,
Geared Flying Tab 0 F F

E
2

kE
2

k
--+-¢ I~I -- +- ¢ 1m

A
c

F
2

qF
2

(J Al
2

qF2 {j

" -(k/qF2' .6.,,
Spring F1Ving Tab 0 F 0

E2
E2

A
c

F
2 A

c
F

2

", 0Pure ~Iving Teb 0 0 0
E

2

Al2

·Oenotes a finite value.
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Tab Lift Loss

In achieving large control-column force reductions, tabs generate loads opposite to those on the
main control surface. Thus, the net lift or efficiency of the main control surface is reduced by some
amount. A typical value for loss in lift efficiency for a transport-type aircraft is 15%. The majority
of the lift losses range from 5 to 20%. The maximum loss will occur for the pure flying-tab· system.
The efficiency of a control surface employing a tab may be expressed as

This can also be expressed as

IlCL (lift loss due to tab)
te

1) = I - -:-;::-=,.-:---..,.....,----,,
IlC

L
(lift increment due to

e control surface)

6.3.405

6.3.4-t

l'or most cases, the critical case occurs when the trim tab angle and the angle of attack are zero,
allowing 0te/oe to be expressed as

k k
Bt + RLA D t +-IJA RL --A 1J2

C q C q C

k k
B2 + RLA D2 --A RL +-A IJ

C q C q C

6.3.4-u

Thus, the efficiency of a tab system can be evaluated by using Equation 6.3.4-t where
Equation 6.3.4-u is used for the relationship of 0te/oe'

Design Criteria

The design of tab boost systems can be a complex iterative process involving many variables. The
mechanical limitations vary for various aircraft designs. However, Table 6.3.4-D (from Reference I)
presents a summary of the practical design criteria that will apply to most systems.
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TABLE 6.3.4.0
SUGGESTED DESIGN CRITERIA

FOR AERODYNAMIC BOOST SYSTEMS

Parameter Maximum Range of Values Design Limitations
,

Link Ratio A
L 0,.1 to 10."" Mechanical-Linkage Design

Spring Rate k Any Minimum Value Depends on Pr~joad

( aCn~ Cn, ~Gear Ratio (j oto- .002+-- --- Nonlinearity and Overbalance
abc 30 tc

Spring Preload Min. Value: As required to overcome tab system friction Good Tab Centering

Max. Value: No more than required to obtain desired Minimize Variation of Elevator

force level Control Forces with Speed
~-

Tab Size Minimum: To control main surface to maximum Adequate Tab POwer
deflection

Maximum: To give Overbalance with FreeTab

aCn / aCn, ,
--- --- = 0.5

oOc aO te

aCn,
--= B, -8

1
> 0.002 Overbalance and Nonlinearity

a.,

The following sample problem illustrates the use of the control-column force equations as applied
to a given elevator spring-tab control system. No attempt is made herein to present a numeric"!
example of the design of a tab boost system.

Sample Problem

Given: An elevator spring-tab control system on a transport-type aircraft.

ELEVATOR
HINGE LINE

----.c::::::J.l::::::t.-e:==:J.J.J~?....J:::::;;;~X~-'c::-EEiLELEVV,ATOR
TRIM TABS

CONTROL
TAB

HORIZONTAL TAIL
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Horizontal Tail Characteristics:

S, C, G, = 162.0 ft 2
max

~0.0040 per deg ~0.0046 per deg

aCh,
B3 =-- = ~O.OO 17 per deg

a"'H

aCh,
B4 =~ = -0.0044 per deg

It

• = 150, _300u,
max

Tab Characteristics:

q = 1501b/ft2 (sea level)

k = 0.244 Ib/ft2 ~deg 13 = 0 • = ±200Ute
max

Steete
aCh Ie

A, = = 0.0169 D1 = ,. -0.0025 per deg
S"C. ao.

aCh aChIe te
D2 = = -0.0085 per deg D3 = = -0.0014 per deg

ao , e a"'H

Compute the control-column force required to deflect the elevator 10° TED at a free-stream
dynamic pressure of 150 Ib/ft2 .

Determine the values of R1 and R2 for a spring-tab system

20.0
4.1 +-

15.0

-0.0046
4.1 + (0.0169) (-0.0085)

(Table 6.3.4-B)

(0.244) (4.1)

150.0 (-0.0085)

6.3.4-20

5.433
=

36.907
= 0.1472



k
- -- (R + Li)qD

2
L r

B2 k
RL + ----R

A D qD2 L
• 2

= -(0.244) 0.1472
(150.0)( -0.0085) ( )

= 0.02817

k
---R

qD
2

1
(Table 6.3.4-B)

Determine the tab-free hinge-moment coefficient

(Equation 6.3.4-£)

= [-0.0040 + 0.0025 C~.·~~:: )]10 + [-0.0017 + 0.0014( =~:~~:~ ~2.5

+ (-0.0044) (-3.0)

= -0.01563

Determine the locked-tab hinge-moment coefficient

Ch = Blo. + B30'H + B4°tletab
locked

(Equation 6.3.4-m)

= (-0.0040) 10 + (-0.0017) 2.5 + (-0.0044)(-3.0)

= -0.03105

Solution:

F, = G. S.c.q [Ch
max etab

free

R1 + Ch R2 + LiCh R2]
etab etab
locked gearing

(Equation 6.3.4-k)

.. F, = (162.0) (150) [(-0.01563) (0.1472) + (-0.03105)(0.02817) + 0 J

= (162.0) (150) (-0.003175)

= -77.16Ib

Therefore, for the given tab system, a push force of 77.16 Ib is required to achieve an elevator
deflection of 100 at a free-stream dynamic pressure of 150 Ib/ft2.
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7 DYNAMIC DERIVATIVES

Dynamic derivatives are associated with those aerodynamic forces and moments caused by the
angular velocities and linear accelerations of the vehicle motion. A detailed discussion of wing,
body, and wing-body dynamic derivatives is given in the introduction to each of the subject
sections. In most cases the methods presented are based on theories that necessarily assume
attached-flow conditions. They are thus limited to low angles of attack except for high-aspect
ratio wings below stall at subsonic speeds.

In general, dynamic derivatives for attached-flow conditions are smaller and of less importance
than ~hose for separated-flow conditions. For separated-flow conditions the derivatives become
functions of the amplitude and frequency of oscillation. Such conditions exist on low-aspect
ratio wings and bodies at all speeds and at all angles of attack except for a narrow range around
zero.

Becau,)~ of the limited amount of data at high angles of attack and the complexity of deriving
adequate g~neralized methods, particularly for the frequency and amplitude variations, no
methods are presented that cover separated-flow conditions. Rather, a literature summary is

presented in table 7-A and a bibliography on pages 7-1 through -10,
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q a

3G Cm + Cm .' C - k2 em.' 1,56 70n5 LE - 2,4.2.98,3.6 X X WeHV.
q a ma q wev,

C£jl coo a + k2 Cli' WBH

en - Cn' COla.
• jl

Cn 'COIa+k2 Cn•
11 r

37 C£ 4.5 OLE 1.0 .liS -+1.45 - - we
p

38 CL"(,m"CL ,Cm - - - Supe"oni, X X e
Q a. q q

Ctheod

39 Cm +Cm • - - - .7 -+5.0 X X B
q Q

40 CQ 3.71 OLE 1.0 .8S -+1.40 - - we
p

41 Cm +Cm · :I 63.4 LE 0 .6 -+ 1,18 X )( we
q Q

3 - .4065

42 Cm .em +Cm •• - - - .25 -+ 5 X )( 8
q q Q

C
m

_<;j2C
m

,
Q q

43 Cm +Cm • - - - 5,6.7,8 -, - e
q (I

44 Cy ,en .C£ 2.61 --45 LE 1.0 .17 - - W
P P p 5.16 0

12.61 45

1.34 60

45 Cm +Cm"Cm .4 lexpoledl OLE 1 4.8.8.08.10. X - B,WB
q Q q .8 1 79 ! 0 H

1.6

I
70 0

'.6 CL.C 'CQ. 4 30 cf4 - 0-+1.0 - - W
q mq r

4 50 - 0-+1,0
Ce 'Cn ,Cy : 2.6 0 1.0 0-+.9

p p p

1 1Ce (thtod 30

p 45

4 0 1.0•.5

1 J(\ 145

47 Cn 4 45,0 cf4 .6 low speed - - we
r

'-

'. .~. '.-,

,
'I

""
'j

L~~,
t :.
c'
l,~ .' .'::.;
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TABLE 7-A (CONTO)

W

W

WB

W

we

W

we

we

B,W

W,WB

W.WB

W,WB

W I

I
I

LL_l

- '---' --,------- :I'-rA( I
R,f. Oe.iv'live A Id"lll ~ M F'lI'l. Ampl_ I

i
I

<48 CL ,em Ith"" .1 - - - Hypenonic - -
q q

.9 c~ ,Cn , 2.31 60 LE 0 .13 X X
• • 4 0,45 cl4 .13

Cn -Cn"C~ -C~.,
• P , a

50 Cn ,C~ 2.31 60 LE 0 .13 x X
, r

4 0,45 cl4 .6

51 (.n ,C~ 2.31 60 LE 0 .13 x X
P J'

52 Cy .en .C~ 3.60 41.57L.E .455 .13•.16 - -
p p p

53 Cy 'Cn 'CQ 6 2 c/. .5 .13 X X
p p p

~ Cn -Cnl'C~ -C~. 2.31 60 L.E 0 .13 X X
, I' • 'P

55 C + C 3 lSc/4 .4 .9 -+ 1.35 - -m ;n0
q III

56 em +Cm • 1.87 .... 6.02 1.9 -+60 c/4 0-+1.133 .13 "'1.7 - -
q III

(18 canfigu"'ions)

57 C + C 3 16 c/4 .4 .a -+1.4 - -m m'q III

58 CN (thea •." em • 1••56 70 LE 0 8.011 - X
q q

em +C m .
q III

59 Cy.C .C£ 2.31 60 LE 0 .17 - -p np p

60 C£ 1.34 .... 5.9 0 .... 60c/4 0 .... ,.0 0"'1.3 - -
p

(22 configurltianll

61 CQ 'Cn • Cy 1.34 OLE 1.0 .13••17 - -
p p p

1 45

60
2.61 0

1 45

60

5.16 0

1 45

60

62 C£ 'Cn .Cy 1.34 OLE 1.0 .17 - -
p p p

1 45

60

2.61 0

1 45

I60

5.16 0 I

1
45

60

, ;

i·

'....

r.-q

,
":'.
~ .
,'.":"
I.. '

:. i

,.
;.

".
(~

[t-
~ .~f·
"~>
\"
~.-·.'
~_'.• -..i'
(~~.

~ -·~'- .,- .
•I

~t·,.
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TABLE 7·A (CONTO)

10.( I
Ref. Oe,ivelive A (dill) >. M F'eq. Ampl. Confiv·

63 c£,CV'Cn 1.34 OLE 1.0 .13 - - W
r , ,

1 45

60
2.61 0

1 45

60
5.16 0

1 45

60

1M Cn·Cv·C£ 2.61 --45 LE 1.0 .13 - - W
r r ,

5.16 0

12.61 45

1.34 60

66 Cm +C (lhea,.J

I
2.83 45 cl2 .333 .92 -+ 1.35 X - WB

Cl rna

66 C L ,Cm .C~ .CL •• C .' 3.35 0 1.0 0-+.125 X X W
q q q <r mQIC£"Crn .C~ ,
Q p P

CL + .263C L.·end
p a

other combinetions

67 CL •Cm ,C~ . Cv fJA ·1 .... 20 OLE 1.0 Supenonic - - W
q q p p

Cn ,C~ .CV .en '
p r r r

I
(lheor.1

68 C£ a,c~ .C V a,ey , fJA ·O .... :lO - - Supenonlc

I
- - w

p r p ,
Cn o,C Ilheor.)

p n, 'i'~o:t

~ C£ hhea,.1 2,4 53 LE .5 1.2-+2.6 - - W

P 2.4
0-+60 1 .5 2

0-+10 53 .5 2

2.4 53 0-+1.0 2

pA· 3,4.5.6, trces A -1 ~oo 0, .25, .5.

8,10.12.16,20 .75,1.0

70 C m • C . hhear.! 1.07 75 LE 0 1 -+5 - - WB
Cl rna 2.31 :{ 1 -+3

.. 1 .... 1.8

6.93 1 -+ 1.5

71 C£ +ClI.oine. 2.2 60 LE 0 Low sp~d - - we
p p

I Cn - Cn' cos e
, fJ

72 C£ .en
(,neor.1 6.1.25 OLE 1.0 - - - W, ,

73 Cm +Cm • 3.57 35 .Jc .565 .6-,96 - - W8
Cl <r

7" CL .C 111100,,1 2 60 LE 0 .13 - - W
Cl mCl

15 C£ 2.3 45,60 LE 0 B -+ lB - - WB
p

7-14
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TABLE 7·A (CONTOl

VI

B

VlBHV

WBHVx

x

x

10,17

.6,1.2

.74 -+1.4

Low speed,

high .peed

2.01.3.02,4.56

o

.-

o

.38

.40

.55

.44

.42

-45 c/4

-30
o

30

45

3.12

4.69

4.62

4.84

3.64

1.96

C L 'Cm ,CL·,Cm .,
q q a a

Cl' ,c~ 'Cn '
p p p

Cv ,c~ ,en, , ,
(lheo,.)

78

77

76

81

r-- ---.-------.-.---------,---.,,-,-)---,-------,r-------,r----r---'---

~_.+-_De_'_iV_"_iV_, + A + (d_ee_1 f-__~__-+ M t__-F'IQ-.+-A_mIl--I.--+--C_O_"_log-·_. ........,

.," '

•I" .
~. .

~( .....
f •

t<::-,.
"".'

,,.
r;'
~ :' .'

~
k

..
l"

~'" ..
0"
I,, "

r·'·

~

82 Cy 'Cn ,C~
p p p

83 Cy 'Cn ,C~, , ,

84 Cy ,en . C~
p P p

2.31

2.31

2.31

1.07

"3
2

I

2.2

2.31

2.61

3.0

60 LE

60 LE

60 LE
75

45

1
60 LE

60 LE
45 c/4

Oc/2

o

o

o
o
o

.15

.36

.58

o

o
.25

.50

.13

.13

.13

Low speed

Low speed x

W.WB

WS

W

WB

w

"""' ....
87 ~c~ (thea,.1 OLE 1.0,0 Sup.rsonic w

we

WBxxTransonic

Supersonic :

High sUbson,c,

tr.monic

o

o

.635 c/4

60 LE

63.4 LE2.0

3

2.309

Cm +Cm ·,
q CI

Cm + em' hh'or.1
q a

Cm +Cm ·,
q CI

Crn + em • hhllO'.l
q CI

88

90

119

I

I-~_'.....J_:_~_':..:.'_~_~_":~.CI_~_h_~_r_.I -I. ·904_- _'_ 6_'__L_E .l-__A__'_8_-,,_'8_'_~_._'_:_,_'_'2_J..' _ ' L_. '~~.:~

-
.' .
hi.....
t·".

,,.

,.." .

'.,
I., .

h
~.:..

~

l'
~ .

~ .....:...~~ ..:.........:a....:.. ~ ~~ ..;.,.----' y'--" --'~~.• _~.~.-"-"...:... ..~~ ' ••
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TABLE 7-A (CONTO)
"

~..
I'.
I -." -....
~ .. -.

~. - ....

"( I

Ref. ()erivatiw A (degl ~ M F'tq. Amp!. Confill.

--
93 C~ 4 3.6,32.6,46 c/4 .6 .4-+,91 - - W

p

94 C~ 4 3.6,32.6,45 c/4 .6 .2 .... .91 - - we
p 2.31 60 lE 0

95 Cn ,Cv ,C2 4 45 c/4 .8 , -+.9!\ - - WB
p p P

96 C +C • 2.44 21lE •311 2.5.3.0.3.5 )( X WB•
mQ rna

WBHV
Cn - C • cosa,

, n~

C~ - C~. cos a,
, (I

C2 + C2. sin a,
p (I

Cn + Cn . sin Q
p ~

97 CL"Cm"Cl,Cm 1.0 75.9lE 0 Trensonic )( X W
a Q Q q 1.6 89.5

em + Cm • «lIeod 2.0 63.4q a
2.5 58.
3.0 63.1

3.6 48.8

4.0 45

911 cl.·em'·Cl 'Cm ' 1.5 S9.~ I.E 0 Trensonic X X B.W,
a a q q 2.0 63.4 1 WB

Cm +cm . (11110,.1 2.6 58.Q Q

99 Cl 'Cm .cl·,cm • 12 68.2 I.E 'r Suboonic: )( X W
Q Q Q a 2.0

1
Suboonic X X

(tlllOr.)
3.0 .......~ X X

1.32 .389 Suboonie x X

100 Cy ,Cn ,C2 2.61 45 LE 1.0 .1'1 - - W
p p P

101 Cv ,C" ,CII 2.61 45 LE 1.0 .13 - - W, , ,

102 C
II

,C
n 2.31 60 lE 0 lOOiltsp.ed X X W.WB

r ,
4 45,0 c/4 .8

103 Cy.C CI1 4 46.1 c/4 .6 .13 - - W
r> I\p P

104 Cv 'Cn ,ell :1.61 45c/4 1.0, .50•.25 ,13 - - W
r , r

105 Cy ,Cn ,Cl1 4 Oc/4 .6 .17 - - W,WB
P P P

105 Cv ,Cn .e l1 4 4Gc/4 .6 .13 - - W,WB
r r ,

"] -'. .53 82.5lE 0 .13 X )( W
, II

1.07 ?5 1Cn -Cn · 2.31 60r p
'---

. -,

. , ,"~. ,

r.
l,.::." 7•16
t~- -.
t :.
I. .-,

~."'-"·IIII.IIlI·"""'·'''''''..',.,;·..·...·;.."-*....;_ri...,,;,,.,........da-d'''·......- ................-...._...:............:..................;..;_.......-..................._ ....................._;....;o................-;..._ ....._....:....,;.....:_.:........~
.' " _M' s' h. • C' ~ t~.". "-'0. . .....--.~
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TABLE 7·A (CONTD'

-
"( ,

Rtf. Derlwtlw " (dog) ~ M Freq. Ampl. ConfiQ.

--
lOll Cv ,Cn ,~,Cv • 2,S1 60lE 0 .13 X X Via

r r r p

cn.c.... cn -Cn·'
p r ~

C2 -C2.
r II

1011 Ci,Cn,Cv 2.61 45 LE 1.0 .13 - - Vi
r r r

110 C~ 4 42.7 LE .6 .6-+1.16.1.9 - _.
Vi

111 C~ 4 Ocl4 .6 .6•.7, .8, - - WB

35 t .85•.9, .95. 1,0.
46 1.0li. 1.10. 1.16

112 ~ h"..".) Low 4& LE 0.-1.0 low - - W.WD
p

113 C2 .en ,C2,Cn' 3.66 45,,14 .3 .23 ....94 X X a.we,
p p r r W8H,8M.

Cm +Cm"Cn -Cn ·, W8HV.
q a r ~

Ci -Ci'
8HV,DV

r II

114 c~
6,38 OLE 1.0 Svbsonic -- - w

6. 18.4. .333

1111 Cm .Ct. 1.34 OLE 1.0

I
.13 - - W

q Q 2.61 :1lU8
2.61 -45

lUI C£p 2 42 LE .793 Low'P-' - - W

3 -38.42 LE .71)7

U -38.42 LE .60

117 CL,Cm 1"-2-+10 - .26••&0••75 S~"onlc - ~ W

q q 2.4 53 LE .5 S~ic

CL Itheor.~ ~ .....9

46-+: 1
.5 1.5

q :l.4 .6 1.414

2.4 0 .....76 1.414

118 CL •• Cm • Ith_.I IA - 2-+10 I' cot "I.E - 0 -+1 .26,.60••76 Supef10nic - - W

a It

lIt ~h"..r.1 2." 63lE .6 1.2 -+ 1.6 - - W

1...... 5.4
46-+:: t 1.11

2,4 1.414

120 ~tth_.1 2,4 53 LE .5 1.2 -to 1.8 - - W

2,.
45-+: 1 .5 1.414

1.8,5A .fi 1.1)

2,4 63 O•.7 1.414

II'" -2.3,".5. jfCtrlll. -0-+1.0 0, .26•.50

8,8.10

~~.

~
"

I .

L.~..;;......_",:.'~.....:,.-:........l._,"-""'-..l...""""''-"'--_6.-~....... ..:...-..,.;: .,.:..:".....
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TABLE 7,A (CONTO)

.~ 4... 4" .. ~~ C.. w. :""t'" ,'1 : J ,'.. ·T~'"

I
!

",

" ~.

~ .'
~'.. '

......

"

~ ',,' .

·&-i.'J

t '''''-!
~ .. ', .,'
~ ... , . ~.

..·..
~ ;.

I":..

""-· ,

.' :

I. .•• ':
,.
!,.. '.. ';.'.
.....
'".' .

". '
I,' ,

•
'. "

" '
......

"

"· ..

"

Al I

R8f. oerivllthle ~ Cd..' ). M Fr.:l. ~mpI. Conlie.

Jl'"
, cot ALE "I121 CL.,Cm 'CL 'Cm -<I 0 S-...nic ,- - W

(I a q q 4

Ci 'Cn ,Cy 'Ci' , eeM ALe;>
p p p r

r. ,Cv ltheor.! I 4 cot ALE In, , 1----
A

122 CI."Cm"CL ,Cm • 4 cot "LE t.n-l~L.E 0 SuboIonic. X X W
Q Q q q ~ traMOnte,

C +Cm.hheor.) wpenon;c
mq Q

123 Ci I(AR)3 .5,1,2 - 0 I 1.2 .... 2.5 - - W

P

12-4 C~/CAR)3 .5,1,2 - 0 " - - W

1215 Cm + Cm ' (th~r,1 3.20 lSfi I.E 0 1.414-'3.0 - - WBH
q (I

126 C
L

,Cm
(theor.! '''·3-+20 , cot ALE" 1 -+00 0• .25,.5, .75 Supmonic - .- W

q q
,A· 2 -+20 1.0

127 CII ,Cn (thear.) " - .6 - - - W

P p 9.021 - .4

128 CII 1.82 -+3.4 :<!1.2 .... 70LE 0 • .25 1.62,1.93,2.41 - - W

P (28 conligur.tions)

129 Cm
Cthoor.1 - - - Supenonic X X W

q

130 C +C 2.31 60 Le 0 .711 .... 1.70 - - we
mq mOO!

131 C +C 3.07 40 ctJ 1.628 .55 .... 1.2 - - WB
mq moa

132 CII
3 36 c/4 .6 .4 .... .91 - - WB

P
'.

133 CII 'Cn ,C~ (tll_.l 3.8 46 LE .021> .2 .... .9 X - W8HV
r p 3D 147

Cn 2.3 .274,
134 CN,CN"Cm ,Cm ·, - -' - 1.1-'5 - - B

q Q q Q

C + em' (theor.)

Imq a

136 CN ,CN"Cm 'Cm' - - - 1.1 -+5 - .- 8
q Q q Q

(tllea.)

136 Cm + Cm • Ilhter'! - 87.84,81 LE 0 9,17 - - w
q Q

137 Cm··C L • 3. 49.1 LE .072 1.22-'2, X X W
8 8 2. 60

1
,5-"'.14

1,25 70.1

3 49.1 .2<'8

2. 60 11.25 70.1
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TABLE 7·A ICQNTDI

-'--, '., -"-,-.

,:... ,

.~~

~'.

,-

:-

.,.

A( ,

Rtf, Ot,ival'" A (dtgl A M FreQ, Ampl. Conf.,

--
138 Cm +Cm • 6.<l2 o .~ .lI .6-+ 1.17 X - WlI

q or

139 Cm +Cm • 4 45cl4 .6 .63 -+ 1.18 .. - WB
q or

140 Cn ,CI1' C ,CI1 6.10, HI o cl4 1• .50, .~,5 - - - W
r r np p

lthllOr.1

14' Cm +Cm • 2.31 60 LE 0 .9 -+ 1.37 - - WB
q or

'<12 CI1 hhllOr.) 2 -+8 0-+69.4 LE 0-+ '.0 S~f'onlc - - W
P (44 configurltiOlll)

'43 CR .75.1.0 - 0 LON spt«l - - W
p

144 C
N

• + CN (theo,.). - - - .7 -+8.2. - - B
or q 1.1-+2.<1

Cm + em'
q Q

145 Cm +Cm ·• - - - 1.2 -+ 3.0 - - B
q or

CN . + CN (thllOr.1
or q

146 C~ hhllOr.1 1.0-+5 o -GOc14 0-+1.0 - - - W

147 Cy ,Cn ,CI1 2.61 45 LI: 1.0 Lowspetd - - W
P P II

I

148 CI1;Cn; CYr
2.61 45 LE 1.0 .13 -- - W

149 C" ,CI1 Cy 2.31 60 LE 0 Low tpetd - -- W
r r , 4.0 0.45 cl4 .6

160 Cy ,Cn .CI1 .C y • 3.57 35 c/3 .566 .13..17 - - WB
P P P ,

e" ,CI1, r

151 CI1 hhtor.l .. - - 14 - - B

P

152 CL ,Cm ,CI1.CI1' <.5 - 0 SubaoniC - - W
q q II r SuptflOnic

Cn ,Cn .Cy .Cy
P r II ,

(til..".)

6A
6 COl "LE <; 1153 CL "Cm"CI1' Cy -<1 0 Super10nic - - W

or or r , 4

Cn .Cy (th_J
II II

164 Cm +Cm • V.riot V,n.. Vln.. .5 -+21 )( )( B
q or

155 CI1 •Cn (!hlllr.l 1

~_.
0 Low spftd - - W + fill, ,

C .C~np
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TABLE 7·A (CONTO)

.- "
'j

I

I
I

I
i
I
J

.1,.,
i

l
J

. '.~,
'1

-1
. ~

l

AI'
._-

i"t I
Oer.... t1... (allll A M Cantlg.

--
Cm +Cm · 3.6 41.67 LE .400 ." -+.88 WB

q a

C£ 4 42,7 LE Jj .7 '.'.4 - - WB
P 3.5 36.5 .58

I
2.9 23.1 .41

4 37.4, ..e.1. eo.8 .(1

3.5 63 .25

a 46.2 .6

C2 3.11 0,45./4 I, .6, .3,0 B -+ 1.46 - - WB
p

I
CL ,C 1.2 68.2 LF. .143 Sublcnic )( - w

q ,mq 1.6 0

1.32 .J89

I
C

m8
4 .• 0 I 1.31-+2.<13 )( - w

IC
mq

(thead - .- - SupeNon:c - - B

CL"Cm"CL 'Cm - ,- - .5'" .a >. - WBHII
Q Q q q

CL"Cm"CL 'Cm 2.46 - - .10 -+ 1.10 X - WBHII
q q q q

CL"Cm"CL 'Cm - - - .30, .50, .10, .16 X X WBH
(If a q q

(the"".)

C~ 3.7 - 1.0 .6 -+1.4 - .- WB

C hhlOr.1 6 - 1, .6, .25 - - - W2p

c~.C£ ,C .C 4.6,8 - - - - - W Ir "p "r
(!hoor.)

Cn -C"p co.'l, .92 14 LE 0 .094 -+ .261 X - wall
r

Cy -Cy.COl'l,
r f)

C2 - c2 . coo «.
r ~

Cn +Cn' son a.
p II

Cy +Cy.I;na.
p ~

C£ • C£. sin a
p II

C +C 2 63.4 LE 0 1.2 .... 1.9 .. - WB
rnq rna

3 53

I 1.. 45

J 46 .403

3 19.1 .401

.

160

158

157

159

1\'6

HII

161

166

161

163

164

166
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TABLE 7·A (CONTO)

,

t!1

r~.:... ~
"

:of
~.

t
I

171

\

cmq+Cmci

CL"Cm"CL 'Cm
• Q Q q q

Ith-or.1

45 LE o 1.15 .... 1.70

Supersonic.

hype"onic

W,WB

Il

B

w

W

we

a

we

WB

WI!V

WBHV

W+ tin

x

x

x

.7 -+ 1.4

1.2 -+ 1.7

.6-+1.04

.75 -+ t.50

1.1>6-+1.8

Law opeod

o

.51

1.0

o

1.0

.:41

(.131

') .... 1.0

63 LE

73.3 LE

o

8Oc14

-"15 LE

: 1

35.23c/4

0/38/66 LE

27.95, 53.55 LE

49.97 •

0-+60.4 cl4

117 configurations)

:J,t

3.5

2.24

.886

•.79

2.61

&.16

2.61

1.34

C + C ,Cn,
ml rnci'p

C -C
n n'r fJ

183

182

18'

178

180

179

176

177

173 C~ ,Cn ,Cy .
~ p p

C£ ,Cn Cy '
r r ,

CL ,em
q q

175

!

~,
~ '.

~ .::
r;", .
f::,
t·

x x B

we

we

.13, .17

.5 ~'.95

.5 -+.95

,63.6,32.6, C5,80 cl44
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TABLE 7·A (CONTO)

. '-. ".' .. . 4 .-4, .4 *. " 1
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I
I
I
I
I
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f
1
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r
r

~".'r
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Ref. OeriV1l'Ntt A
rAIl 1 ,_-r- M J,.~~ A~' Conlig.ldeg)

1. Cy ,Cn .C~ 4 46 c14 .6 .17 - - W
P P

118 CL"Cm"CL .em - - - Supenonic - - e
Q Q q q

(lIl_J

leo em 1.484 -

I
0 .09..18 X X W

q

191 Cm +Cm •• 7.035 41.5/37..5 Lf (,33) .20 ~.94 X x we
q Q

Cm - k7 em'
e q

I 192 CL"Cm"CL .em 1..5 69.5 LE 0 Supenonic - - B.W.
I Q Q q q

~412.0 WB
Cm + Cm • (lIleor.1 2.6q Q

\.~..
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7.1 WING DYNAMIC DERIVATIVES
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The methods presented in this section are to be used for the estimation of pitching, acceleration,
rolling, and· yawing dynamic derivatives of isolated lifting surfaces. The methods and charts
applicable to this section are based on lifti;lg-surface theory for subsonic speeds and on linearized
theory for supersonic speeds. The charts are thus limited to conditions for which the flow is
essentially attached over the surface of the wing, Le., the linear lift-curve range. This means that
at subsonic speeds the methods are valid for high-aspect-ratio wings up to stall angles of attack
but ate limited for low-aspect-ratio wings to low angles of attack.

For wings oper:lting ullder conditions of partially separated flow, such as low-aspect-ratio wings
at moderate to high angles of attack, experimental data, e.g., ref~rences 1 and 2, show that
substantial nonlinearities exist in the dynamic neriV:l, tjv,,:, !n ad(\;tion, tcr,t., mndt: by wind-tunnel
oscillating-mode techniques show that the Jynalll:,c 0,clivatives are functions of both the
amplitude and frequency of oscillatIOn. In general, dynamic derivatives for separated-flow
conditions are larger and therefore more significant than for attached-flow conditions. Because of
the complexity of the separated-flow case, no quantitative information on these effects is
presented in the Datcom. Instead, a qualitative discussion of the characteristics of dynamic
derivatives under partially separated-flow conditions is given.

Flow separation on wings at angles of attack below stall is discus.<;ed in Sections 4.1.3.3 and
4.1.3.4. The dominant feature of flow over lownaspect-ratio or swept wings, Le., wings for which
flow separation below stall is important, is tlJe leading-edge vortex. The strength of the
leading-edge vortex is determined by wing planform and airfoil leading-edge geometry.

In general, large ieading-edge sweep angles and sharp airfoil sections are conducive to hIgh vortex
strengths. The strength of the leading-edge vortex, in turn, determines the nature and magnitude
of the nonlinear static force, moment, and dynamic-derivative characteristics. The effects of
geometry on the dynamic derivatives of a triangular wing at low speed are presented in
reference 3.

For wings that exhibit nonlinearities in their static forces and moments (partially separated flow
exists), the dynami<: derivatives also .depend upon the amplitude of the attitude changes. For
instance, sketch (a) (reference 2) shows tr.e rolling moment in sideslip for a triangular wing at
high angles of attack. It is clear that the rotary derivative elr depends upon the amplitude of
oscillation about the Z-axis.

.1
_- .J

7.1-1

.::- ..-

Partially separated flow over a wing causes the dynamic derivatives to be frequency-dependent.
The reason is that a change in wing attitude changes the boundary-layer conditions, which, in
tum, alter the flow~separation pattern. The time required for the flow to adjust to a change in
attitude is appreciable, and the dynamic derivativ,~s become functions of the rate chang" of
attitude (or frequency). The flow about wings with essentially attached flow is less dependent
upon the boundary layer and therefore adjusts more rapidly to attitude changes. Hence the
dynamic derivatives for these conditions are not frequency-dependent over the practical
frt:quency range.
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'. 7.1.1 WING PITCHING DERNATIVES

... - .

7.1.1.1 WING PITCHING DERIVATIVE CLq

A. SUBSONIC

OATCOM METHODS

7.1 1.1-3

7.1.1.1-b= ---c c c

(
I x)C :: -+2-C

L q 2 c La

X
where -;:- can be expressed as

c

The equation ~or estimating the subsonic pitching derivative C~ (derived in reference I), based on
the product of wing area and wing MAC Swcw' is given,by q

and

If the wing pitching derivative CL q is to be used in method I of Section 7.3.1.1 to obtain
(CLq)WB' the exposed wing planfonn area should be used for all calculations in the Datcorn

methods. Using the exposed planfonn area will yield CL based on the product of exposed wing
area and exposed wing MAC, rather than the product

q
of total wing area and "'tng MAC .h

indicated.

The wing pitching derivative CL q is generally small compared to other terms in the equations of
motion and is frequently neglected. However, methods are presented for determining CL

q
of the

wing in subsonic and supersonic speed ranges. The supersonic value of CLq is used in estimating
supersonic values of Cm q in Section 7.1.1.2.

. ','

-

~:

( ....

.; .'

~..............

,..
,..

~i
~ .

c

is the distance between the center of gravity and the aerodynamic center, positive for
aerodynamic center behind center of gravity.

= (X;.c.) (;), the longitudinal distance from the wing leading~dge vertex to
r 4.1.4.2

the aerodynamic center measured in mean aerodynamic chords, positive aft.

7.1.1.1-1

is the longitudinal distance from the wing leading-edge vertex to the center of gravity
measured in mean aerodynamic chords, positive aft.
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·.... -.' is the wing lift-curve slope (Section 4.1.3,2) at the Mach number under consideration,
based on the total wing area.

,..

Given:

A = 4,0

Sample Problem

~ = 0,68 = 46.3° 1.18

tan ALE = 1.046

= 1.04 (from planfonn geometry with e.g. at cf4)

Calculate

M = 0.20

(Section 4.1,3,2)

using the method of Section 4,1.4.2

CL = 3.20 per rad
a

Compute:

~: .; .
" .

A tan ALE =

{3 = 0.98

= 1.05

4.18

0.937

(figures 4.1.4,2 -26d, -26e, -261) ~

I
j

~ ..

...- ... '

~' •. L.:culate the distance between the center of gravity and the aerodynamic center

,. .' ..
~. ' .
~. . .
· .' ... . '

~ "

r,.'..... --.·.' .~ .',
~ . .

a. ~'-.'

II ',.'

X xa,c. xc.g. '. J

= (equation 7.1.1.1-b)
C C c

C:,' x)'c:.g, c
r

7.1.1.1-2
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= (1.05 - 1.04) 1.18

= 0.0118

Solution:

Calculate the wing pitching derivative

.:'

(
1 x)= - + 2·- C
2 c La

I

=[~ + 2(0.0118)] 3.20

= (0.52) (3.20)

(equation 7. 1. 1. I-a)

C. SUPERSONIC

B. TRANSONIC

The supersonic value of CL ,based on the product of wing area and wing MAC Sw Cw ' is given by
q

7. 1. l.l-cCL = CL ' + 2(~) eN (per radian)
q q c a

= 1.66 per cad (based on Sw Cw)

There are few data and no theory available on the derivative CL q in the transonic region. For
the purpose of the Datcom, it is suggested that equation 7.1.1.1-a be applied in the transonic
region.

where

I•.
I," ..

~ ~.

r. •, .

..

~ll

r-"r

~:
:"',"

X xa.c. xc,.
- --- -c c c

7.1.1.1-b

and

is referred to body axis with the origin at the wing aerodynamic center and is obtained
as indicated below, based on the product of total wing area and wing MAC Sw Cw.

'.
is the wing normal-fofC'.e--curve slope (Section 4.1.3.2) at the Mach number under
consideration, based on the total wing area (per r?dian).

I.

I
I

r·
~.
~ .

~r.
i"
L~~~

7.1.1.1-3
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t." Methods of estimating CL '
q

7.1.1.1-<1

1r (d-x )
= A[3G(f3C) F3(N) - 2E"(/3c) F

4
(N)] + 2 _ a.c, eN (per radian)

2 c Q

, ~.

•• " ~ 41

.~
'.<

. ,

.
"- j

' ..

=~ c ). (See sketch (a).)
3 r B

r
BASIC
TRIANGULAR
WING

E "(J3C) and G(J3C) are obtained from figure 7.1.1.1-8.

A is the aspect ratio of the wing.

F3(N) and F4 (N) are obtained from figure 7.1.1.1-9.

d is two-tlurds the basic triangular wing root chord ~

C ' is derived in reference 3 as
L q

where

Wings with subsonic leading edges (/3 cot ALE < 1.0)

a. Zero-taper-ratio wings (X = 0)

For wings with subsonic leading edges, CL q I is obtained by the method of reference 3 for
X = 0 and by the method of reference 4 for X ;: 0.25 to 1.0. The following methods are
not valid if the Mach line from the trailing-edge vertex intersects the leading edge or if the
wing-tip Mach lines intersect on the wings or intersect the opposite wing tips.

1.

~-' "

t ".,
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~-"-'.

SKETCH (a)

7.1.1.1-4
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b. Wings with), ::: 0.25 to 1.0

C I is derived in reference 4 asLq

c;. .. = Ce;' - 2 (X;<) CN. (per radian)

where

7.1.1.1-e

i- -' .
• o'I •,.
~ . ,

I.

~
r·,
>....
". ':

r~ , ..

is referred to body axis with the origin at the wing leading-edge vertex and is
obtained from figures 7. 1. 1. I-lOa,7.1.1.1-IOb,and 7.1.1.1-IOc, for X=0.25,O.50,
and 0.75, respectively, and from the equations of reference 4 for X > 0.75.

2. Wings with supersonic leading edges (J3 cot ALE > 1.0)

For wings with supersonic leading edges, CL q' is obtained from figures 7.1.1.1-11 a through
7.l.1.1-11k. This method, derived in reference 5, is valid for the range of Mach numbers for
which the Mach lines from the leading-edge vertex intersect the trailing edge. An additional
limitation is that the foremost Mach line from either wing tip may not intersect the remote
half of the wing.

Sample Problttm

Given:

60°
cr

1.50 M 1.50 A- 0A = 3.46 A l .E = = = =
C

is
9.25 ft C 6.17 ftb = 16 ft e.g. at "4 cr

::: :::

Compute:

13 = JM'}, - 1 = 1.12

13 cot ALE ::; 0.647 (subsonic leading edge)

N = 1 -
4 cot i\LE

A
::: 0.333

'.'....
•

E" (I3C)

G(I3C)
= 0.770~ (figure 7.1.1.1-8)
= 0.570'

7.1.1.1-5

F3 (N) = 0.913}
(figure 7.1.1 1-9)

F4 (N) = 1.12
" .

~
I·
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;
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"

X
a

•
c
• ;:;: 1.35 C - (1.35) (6.17) :: 8.33

.'

"
1

·'.1

: 1
' ..!

-:
... \
'",

(figure 4.1.3.2-56a)

(equation 7.1.1.1-b)

(from planfonn geometry with e.g. at c/4)

(figure 4.1.4.2 -26a)= 0.90
Cr

XC".
0.67::

cr

X (';'"=c

tan ALE eN = 5.40 per rad
(l'

C
N

;:: 3. 12. per rad
eli

A tan ALE :: 6.0

Ntan ALE = 0.647

X
Calculate

C

X
a~, 4Obtain ._- from Section .1.4.2
C

Obtain C~ from Section 4,1,3.2
, (X

~ ." ~.'

.,. ,
t.• ·

:: (0.90 - 0.67) 1.50 :: 0.345 ',1


I." •
'.- ". "I

l:> :.
I' •.......,
~
I., .

Calculate d from the characteristics of the basic triangular wing (see sketch (a»

b2 4 4
AB

;:: :: :: --- = 2.31

be
tan ALE 1.732

") r b""

7 .1.1.1-6

L., :. 1
.d
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2(16)

2.31
= 13.85 ft

~ '" ... d = ::
2

3
(13 ..85) :: 9.233 ft

tr:: "2 (3.46) [3(0.57) (0.913) - 2(0.77) (1.12)] + 2 (3.12)

(equation 7.1.1.1;:1)

(9.233 - 8.33)

6.17

trA

2

:: -0.891 + 0.913

Solution for CL '
q

.'

"

".
i

== 0.022 per rad (based on Sw cw )

Solution for CL q

~., .

I •

I' "
r

(equation 7.1.1.1-c)

= 0.022 + 2(0.345) 3.12

= 2.175 per rad (based on Sw CW)

I'. -.

1.
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7.1.1.2 WING PITCHING DERIVATIVE Cmq

.'
· '

;:'"· .
When a wing rotates in pitch about a given center of gravity at an angular velocity () in a
free-stream velocity V00, changes in local angle of attack are produced that are proportional to
w/V (w is the local vertical disturbance velocity). For wings having sweepback, an ~dditional
increment in angle of attack is produced that is a function of spanwise wing station. These local
changes in angle of attack produce an effective angle-of-attack increment for the complete wing
that results in a pitching-moment increment. This pitching-moment increment is expressed as the
wing contribution to the derivative Cm q'

If. the wing pitching derivative Cm q is to be used in method 1 of Section 7.3.1.2 to obtain
(COl q) WB' the exposed wing planform area should be used for all calcuJations in the Datcom

methods. Using the exposed planfonn area will yield em q based on the product of exposed wing
area and the square of exposed wing MAC, rather t1'..."In the product of total wing area and the
square of wing MAC as indicated.

DATCOM METHOD
i.,
i:--
I '

A. SUBSONIC

(per radian) 7.1.1.2-a

1 / A
3

tan
2

Ac/4 ) 1

+ 24 \A + 6 cos Ac/J. +"8

X
is defined in Section 7. 1 . 1.

C

c2 is the wing secnon lit. i;urve slope from Section 4.1.1. (per radian).
a

The low-speed value (M ~ 0.2) of Cm ,based on the product of total wing area and the square of

wing MAC Sw Cw 2 , is given by q

where

I' ,

.'.

l
r-,-
I,

This equation i:> a modified flJrm of that derived in reference 1. The equation was modified in
reference 2 by the empirical factor 0.7. It is strictly applicable to aspect ratios between 1 and 6.
For aspect ratios of about 10 or 12 the empirical factor should be approximately 0.9, but there
are no experimental data available to show how this empirical factor should vary for inter
mediate aspect ratios. It is suggested that a smooth fairing be used.

For higher subsonic speeds the derivative em q' based on t"'.e proouct of wing area and the square
oj wing MAC Sw Cw 2, 1:. at tained by applying an approximate compressibility correction derived
in reference 3:

7.1.1.2-1
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"1
"I
I
I

.~

. .1. "

7.1.1.2-b

= 1.18

(
Cm ) (per radian)

q M~ 0.2

+3

3
+

B

A3 tan2 Ac!"

A + 6 cos Ac!"

A3 tan2 Ac/~

AB + 6 cos Ac!"

x = 0.68

Sample Problem

Additional Characteristics:

A = 4.0

(
em ) is obtained from equation 7.1.1.2-a.

q M"'" 0.2

where

Given: Same wing as in sample problem of paragraph A, Section 7.1.1.1.
~i
~ ~:.

•f.
t::' :.
I·

~., .

~
I I

f'~. . :
~ '. ,' ..' . ~, .'·.. :.
f'··....

x
;;: 0.0118 (sample problem, paragraph A, Section 7.1.1.1)

f.

Airfoil: 64-006 Smooth airfoil surface M = 0.2,0.6

~ " ..
I....
~ ~ . .
1.,-· .

'.' .

f···•.

Compute:

C2 = 0.109 per deg (tablf! 4.1.1-8)
a

cos Ac!4 = 0.707; tan Ac!. := 1.0

At M = 0.6, B := ,/ I .- M2 cos1 Ac!"- ,/1 - (0.36) (0.50) = 0.905

Solutio" (M = 0.2):

7.1.1.2-2

,...

"...l..
~. ;-",r;
l--
(L........~.. .....--............................o.-::..~~ ...................~._,~_ t~ .L..J..e..;..l.p . _ • .....t:.. __

(equation 7.1.1.2-a)

. ,
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I

" ..
i • ~

[
l~ (0.0118) + 2(0.01l8l j

=: (-0.7) (0.109) (57.3) (0.707) l2
4 + 2(0.707)

(4)3 (I) 3
4(0.905) + 6(0.707)

+
0.905

(-1.40)==
(4)3 (I)

+ 3
4 + 6(0.707)

(equation 7.1.1.2-b)Ie )
\ m q M ~ 0.2

A3 tan2 Ac/4 3
- + -

AB + 6 cos /\'c/4 B

A3 tan2 A
c/4

L
+3

A ~. 6 cos Ac/4 J

=: -3.090 [0.0247 + .J... (~) + ~_]
5.414 24 8.242 8

=: -3.090(0.00456 + 0.3235 + 0.125)

= -1.400 per rad (based on Sw Cw 2)

Solution (M = 0.6):

" ,I ..,"
:~ -

t--.

,
1- .
I, ', .

64
-- + 3.31
7.862

::::

64
--, +3
8.242

(-1.40)

I,

"r' ,
I.,.
I'

~
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At transonic speeds the derivative C ,based on the product of wing area and the square of wing
ffi q

MAC Sw Cw2, is estimated by

(per radian)

7.1.1.2-c

where

is the wing lift-curve slope (Section 4.1.3.2) at the Mach number under con
sideration, based on the total wing area (per radian).

'.''"
is obtained from tht: i>upersonic method of paragraph C of this section, based
on the product of wing area and the square of wing MAC Sw Cw 2 (per radian).

is obtained from equation 7.1.1.2-b at the critical Mach number, based on the
product of wing area and the square of wing MAC Sw Cw2 (per radian).

,
\" .

J

For this purpose the critical Mach number Mer is taken equal to the force-break Mach number Mn,
defined in parag.raph B of Section 4.1.3.2.

C. SUPERSONIC

The supersonic value of em q' referred to body axis and for any center-of-gravity location and
based on the product of wing area and the square of wing MAC Sw Cw 2, is given by

• 7.1.1.2-<1

•
where

is obtained from Section 7.1. ~ .1, based on the product of wing area and wing MAC
(per radian).

C . is referred to body axis with the origin at the wing aerodynamic center, basrd on the
m q product of wing area and the square of wing MAC Sw Cw2 , and obtained as indicated

below.

'.
x
c is defined in Section 7.1.1. I .

'. 7.1.1.2-4
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a. Zero-laper-ratio wings ().. = 0)

1. Wings with subsonic leading edges (~ cot ALE < 1.0)

7.1.1.2-e(per radian)
(

d x )2C '+ 2 _ a.c.
lq C

is defined in paragraph A of Section 7.1 .1.1 .

Fs(N), F 7{N), and Fll(N) are obtained from figure 7.1.1.2-8.

G(/1C) and E" (j3C) are obtained from figure 7.1.1.1-8.

C . is derived in reference 4 asmq

where

For wings with subsonic leading edges, Cm'l / is obtained by the method of reference 4 for
~ ~ 0 and by the method of reference 5 for ~ ::: 0.25 to 1.0. The following methods are
not valid if the Mach line from the trailing-edge vertex intersects the leading edge or if the
wing-tip Mach lines intersect on the wings or intersect the opposite wing tips.

Methods for estimating Cm '
q

.. '.'

, -,-,
r.

r '.

is the wing normal-force-curve slope (Section 4.1.3.2) at the Mach number under
consideration, based on the total wing area (per radian).

d is defined in paragraph C of Section 7. 1.1. I .

t I

is obtained from paragraph C of Section 7.1.1.1, based on the product of wing
area and wing MAC (per radian).

b. Wings with A ::: 0.25 to 1.0

C ' is derived in reference 5 asm q

c ':::: C "+ (X~.c.:) Cl .. (per radian)
m q m q C q

7.1.1.2·f

7.1.1.2-5
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where

is referred to body axis with the origin at the wing leading~dge vertex and IS

obtained from figures 7 .1.1.2-9a, 7 .1.1.2-9b, and 7.1 1.2-Cl c, for A- = 0.25, 0.50,
and 0.75, respectively, and from the equations of reference 5 for A- > 0.75 (per
radian).

is obtained from paragraph C of Section 7.1.1.1, based on the product of wing
area and wing MAC (per radian).

is defined in paragraph A of Section 7.1.1.1.

2. Wings with supersonic leading edges (~ cot ALE > 1.0)

For wings with supersonic leading edges, em q I is obtained from figures 7.1.1.2-1 Oa through
7.1.1.2-10k.This method is derived in reference 6 and is valid for the ra.nge of Mach
numbers for which the Mach lines from the leading-edge vertex intersect the trailing edge.
An additional limitation is that the foremost Mach line from either wing tip may not
intersect the remote half of the wing.

Sample Pt'oblem

Given: Same wing as in sample problem of paragraph C, Section 7.1.1.1.

346 A- 0 60°
cr

A :: =:
ALE = = 1.50 b = 16 ft

is

C
Mc.g. at := 1.50 c ;:. 6.17 ft c = 9.25 ft

4 1

.1

From ~ample problen~ of paragraph C, Section 7.1.1'.1:

f3 cot ALE == 0.647 (subsonic leading edge)

G(/3C) :;:; 5.70

:: 0.345
x

C

CN = 3. 12 per rad
0:

= 0.146
d - x•.c .

is
.- 2.175 per rad

E "(j3C) "" 0.770N == 0.333

C '== 0.022 per radL q
".

~.. -

Compute:

7.1.1.2-6

Fs(N)

F 7(N)

F 11 (N)

- 0.133 I
::: -0.200 > (tigUrf; 7.11.2-8)

- 0.660 ~



'110 ' .•_" : ..... -....... ~ - •• -; • -",' .;-.. '.'"" "'V .-~ ..- .. -""\0 _....... ~ ,-•• -0/ _ ....

'.

.. .,..... ~ .. ~ ~ .... ...."0·,... - .. ... ~ - .. - ...... ... ~ .. .. . . " .." .. '.'~ " '1
·1

'.
l.· .'
II--- .....'

..
Solution:

REFERENCES

(equation 7.I.1.2-e)

(equation 7.1.1.2-d)

3

16

3

16

_(d -0 x•.,) Cc; + 2(d ~ x..,)'

~
16 0.133]71'(3.46) (0.570) (-0.200) + 3 (0.770)--

0.660

:::

:::

= -2.075 per rad (based on Sw Cw 2)

= -1.325 - (0.345) (2.175)

3. Fishllf, L. R.: Approximate Corrections for the Effects of Compressibilitv on the Subsonic Stabilitv DerivativtrS of Swept
Wings. NACA iN 1854,1949. lUI

7.1.1.2-7

2. MecLachlan, R., and Fisher, l. R.: Wind·Tunnel Investigation at Low Speeds of the Pitching D&rivatives of Untapered
Swept Wings. NACA RM L8G19, 1948. (UI

::: -1.325 per rad

- -2.038(-0.1140 + 0.8276) - 0.0032 + 0.1330

- (0.146) (0.022) + 2(0.146)2 (3.12)

1. ToU, T., and Queijo, M.: Approximate Relations and Charts for Low-5peed Stabilitv Derivativ8$ of SWlIPt Wings. NACA
TN 1581, 1948. (UI

4. Malvestuto, F. S., Jr .• and Margolis, K,: Theoratic.1 Stability O.ri....tives of Thin SWlIPtbtck Winjj$ Tap.red to a Point with
Sweptback or Sweptlorward Trailing Edges for a limited Ranll8 of Suptl'¥onic Speeds. NACA TR 971, 1950. (UI

5. Malvestuto, F. 5., Jr., lind HooYef. D. M.: Lift and Pitching Derivatives 01 Thin Sweptback Tepered Wings with Streamwisa
Tips .nd Subsonic Leeding Edges at SupersOnic Speeds. NACA TN 2294, 1951. (UI

6, Martin, J., Mergolis. K•• and Jl'lffrllVs, I.: Calculation ot Lift and Pitching Moments Du. to Angl. of Attack and Steadv
Pitching VelOCitY at Supersonic Speeds for Thin Sweptback Tapered Wingl; vvith Streamwi;e Tips and Supersonic Leadinl/
ill'd Tnli1inll Edges. NACA TN 2699. 1952. (UI

............

~
~". ':
~,
~ ..

"

,

~" ,

~::;,I

i
I·
~
I'
i:

t"1
:,,
i.
t

f

Nt
~ , ..
f .
k
~.' .
~. ,",

~, .
~.
~

'.~" '.'
~. :-
•,-r-.'.
~ .'.
l
"-

~~.
~ "

~.
r

'.
~...
~

~

....

~ '.>-
:

f,'

..
t 4
1'-"
I

'.
•,
,.

lJ
"I
I"
:...,.
l . .



'.. ,< .' :0:0», .' ([ ....'=3.' '.0<' JU ..4(' j". V ...' . .1", ", 3 .9' '?:' ..." '.' .' >'1-'''''., e .•+; .... e,' 4. Cf4 $'_~.•'. ' .. t 4 c. e: .'. \e. e. Q. $.. • •

..

, .
~,

SUPERSONIC SPEEDS

""'1. ,1
.l
i

j

1,4

1
I-N) Fs(N)

1.2

,8.6.4,2o-.2-.4-.6-.8

_l--.I--~
t=-l~-::t~:t=·::,,-t===t"I,--t-II--- - --+--l---~-I-- 1----+-- __

-1.0
-8-'1-...L.-+......I.~t-....+......I......,~J--+-............j~.L- ...............j~........-'-........-.2

1.0

~
" ,

I' ..

i:'"
I' ••

"~. .- -.

~.~,:

~
V"
,': .

~
~. '~
E '

~..:
r.-· ."
i,' .
~ .,

TRAILlNG- EDGE-SWEEP PARAMETER, N " 1 -
4 COT ALE

A

',1
··.1

".

~.. -.
'1
i
I
I

I
I
1

'.... • . .. . .. ~ _J

F(N) FACTORS OF THE STABILITY DERIVATIVEFIGURE 7.1.1.2-g

7.1.1.2-8

~".'~... ~..
•.' "

t·:>
L " ,.".

f~;
~--I ".
f:

L,,~~ .-_~ .'..->----........-.:...__ ...._.......~,_,.........-.....:............Loccca....;..............:,·-... .;..,..............~~.......~.~..........A ;... ........... --........:..a.'--.........:.----<o.o...L...~'J!lII.-_, ... ~.........:. ... 'l._...... .........A_.__• .L__ ..I_



f¥ .< .. '. '4~ 4.
"F' v F ...... ..1 ,-4 ". ..... .:o:z::s: (;4,. • if -.,,11' ¥<. :" • 4'" 4 _sPA .,. 'ow ~" 'ow _,

1.0.8.4 .6
f3COT ALoE

SUPERSONIC SPEEDS

SUBSONIC LEADING EDGE

.2o

II"

(b) A. = 0.50 I I I
_SU1BSOr C TEi-

,~
~

1 r 7 'i
--

I
_SUPERSONIC TE~

I r- ~A/3 i

I If ""'"
J r'
'''-'

0
~J "-

- 1--
7 J f'. .11

V I ......

-
/ ~ F/-...t--

0 - Tl r--..f-J.,./ -';10...

v lL 1/ r-r-rJ-
0

~ - ~ 4
~~ ......... 31-

0 •

2

4

60

40 r I I ! ~ I I(a) h = 0.25 I I
1 I 1

SUIBSO~IC 1"'- ......." ,
I/~~i I If'... fk

..-r--r++--H I SUPERSONIC
00- I ""'\ 'TEt-

Iii I "\. i Af3 'e--
1 I J NO

80

7:'. I I

~i
! V l~ ""-

I :60
I / )

['...
~

j "-h( .,........
40 l.L ..,L.

...... .+--
---/ ""- 6

1/ ~ r.....;;:

--- -t--./ ~ I---.- ~ 5
20 - -- 4 -I t--' ",...

:\ -
I

1- 2
i I

0 I

II

14

12

_pc. /I

mq
(per rad)

-pe "
moll

(per rid)

".

t" --.

~
~ .. "

t ..:
t." ".

I.·.. ·,

o •2 .4 .6 .8 1.0

'.

~..... - FIGURE 7.1.1.2-9 VARIATION OF pC /I WITH ,BCOTA"
EmQ

~:

~
I:
I

I
l~ '°+.41' ~ ...L~ ..... ".

.... _...•.'-. -_ .9__

7.1.\.2-9

............... --_. __ .



,:,. ". ,~ "'IiI ,~... , ~ .... ' .~ '.""" •--. :........ ' "

- ." ~

OJ ~"'-.. -.:." __ .W: ......... ~ ....... 6 - ... - .... ,-'".- .....:--1 .. 6 _._ '.'" _.• '.;'..._ya ~., ".~. -. ~ ~-- ..'.- .;,4 .; -: .. lIf' .• ~-.; - :'''' ~ - i.~ ~ ;"."'. ~ .t.- ~ - ,. ~ '.l

'1
"I
•

, 1

'j
, 1

....... ,
~

4440

1.0

3632

.8

SUPERSONIC SPEEDS

SUBSONIC LEADING EDGE

.4 .6

13 COT ALE

.2

FIGURE 7.1.1.2·9 (CONTD)

SUPERSONIC LEADING EDGE

8 12 16 2U 24 28
COT'" (,BCOT Au:> (dOlI

VARIATION Of' PCm I WITH COT-
1

(PCOT ALE)
q

4o

o

5 ,
V / /'(8) >-.. =: 0

II
A I
20 I J I

/ If /3
1J II

J

I / / /2

I j / I /
I J / If

I.1
II 1/ ) VJ

/ / lL
V /

'1 / 1/ ) V 5/ /
V

~ .. ~-
K'~ :........... 1/ / V V V V~ /

.9 \ "'-~ -........::~
......

I-I"--. / ,// /' 4.......
~""-

-..... r-,.c ./' --- /3 -~r\ f'.. ........K r---.r;~ J
./

""'".8 "I"- ,.;.....

.7

40" rll',' ---.------- -- -~-. I SUPERSONlc"TEF\---'--l
(,:, >-.. = 0,75

SlJBSONIC TE +-.....

~~t- +. r- "." \20" r-... "13
f------1-1 ~--DO

J.- -- ~ --~- --
L80

I ............
r----...b."

'~II
60

/ iI

V-r--r-- Ur--4v
) ~r-- "'"-

" J-~./20 ./ V 3..,..."

I 2
0

fiGURE 7.1.1.2-10

1.

1.

1.

1.
- .Bern '

q
(per lad)

1

- /3C "mq
(per lad)

" .

~
r·..
"
I"'"

.,' "

~1r '~:,

~.. ',

!.' ':.,
,,_ '.

I.' •• '

p' .-

-. -.
" .. " "... .~ ,. ,

~ ...

I' "

~.• -,

. "

~".<-,

. '.

, -
~ , ... ~ .'... ~ ...' ' ... '

;., :."..,.

7.1.1.2-10r. ' 1
I

I
Io.lL....... ~"...";,,,..-... .......~.....~_--'-••_.,__. _._.~-"""""""·~'''''''--->.·'''''''''''';"-<..I'-----..!..'''''';_':''''--·------.Do._''':'_''''''''.L........o...••~:''''''o,----,_~_~_,-"",-~",,~~ ,~ .~, " ._ ',' • __ ,' •• __ ' __ . J

"'--~.. '



";-- -.~:-~.-~-'.-.--;- ... --, . "-.'-'~ ~

J

.~ ..

~~- ,

"
"

..
~.> "', ,

tn
'. SUPERSONIC QIoEEOO

SUPERSONIC LEADING EDGE

4016 24 32

COT-' ({3COT \ ••:> (dee)

8

28 ,I --r--- IA~ Jj--(b) A. ."< 0

4- I
I / -~

I l0

1/
~ .- '--

.6-'
i i I

"0 o'

j
.-

II2 .

/
V

8

,/
0_.'-

1~

/

/ /
V

I

4
\..

V VV
/ ~ ~--

L--' L.' l--' l---~~ --1-::5
4

0
o

2

2

-~mq
(per rad)

t....
;.

~<
i.·

\-.-
",... '.. t......

.,

FIGURE 1.1.1.2-10 (CO~TO)

,-'

,-

':

"...r..,
r.
I'
r

".."--..:........olIo·,.·"""'-.......·w_..::·_·.:J,.....·~,...-....:...:.,.. ,". i ".• ";', ). .. " \. '. - • \ ...: ....: ..i"'_A. 1 ... J:Ib.' "
.~..:.......-~ ~.:.. :..._ . .L...- __:.o. ~ .. ~JIL ~ _.. _.'.~ ~ ~ ~ '. _ A.. _ .. ' _ .. _-



~"'-.--~.-.-~~,.-,-:\; ~." -:r----:~----:""": -~:~--......._.---.----=_.------...-----.. ~..-... I-~ ... - "'~---rr--:... :-~;---.------:--' --.---"- --......
k,-

--.--_- ..... -.. .....--.,-...-..----;-~,,--·11 --------.-.-.~--~..,- ~--~ -..,----y-----.- ~-.-- __ ..,.,~-.. --.~lIl"....,--..-..--w_-..- .... ~--_. -----.-........,..............
. .. '. ~ . , . .. .~

I

c..:
r~.- - '."

SUPERSONIC SPEEDS

SUPERSONIC LEAPING EDGE

I
~I
I
I

. --4
\.~:;

I
I
;

i

I
I
I
I
I

1

484016 24 32

COT-
l

({3COT "L, )(dea)

.7...-...l..--.t--....- .......- ....- ....--"'--....- .......- ....- ....--i
o 8

55" --~·-:---1----·- --_.., - I[ 1-"
I

(d) A = 0.25 + II
"" ----

A~20
45

/4v .-

V
35

/
30

/
25'

/20 -
V

15 /

V l/
I;

/10
V l../

./ ~ •5 V ~
I---'"' _1..--~-1---" 1.--- I-

i
0 -

0 16 24 3l 40 48

1.~---+-

1.300li-----4 --+---f

1.1....·--+----1-1--+--+-+

1.2

_j3C I

mQ
(Pel lad)

A{3
20

-/3C Irn q

(pel lad)

FIGURE 7.1.1.2-10 (CONTD)

7.1.1.2-12

~c'-'.. '

...... - .

,.
~: ~ ,-,:
~. "

..........

, "

" ' ,

i:. ••• ~ .',

,
~.•
"'00'''':

I'
I.
I .

'...;.·.·d I

~:'<:.:

(.~.

1--'0'

•ra, _

~':,
.. ' '.'

.. ' -.:



~....-;~."__."'-_" - ........... r'..":-- ... .....-, ••-.......-.-a - .. 'lI".~ .... - ~ ,.- :. .-",'" '.--- .1'

,
1.,.:- .."~

.t·~l
I'· .,., ...: . 

\. ."

48

48

l

40

40

•

SUPERSONIC SPEEOS

16

-\6 24 '32-,
COT (/lCOT AI. E) (del)

8

8

0
(f) A I:;: 0.50

-'-'-r- I

l~~V
0 ----
00 --

V

+ I /0

V

+~=t-
/...

~/
• ./ 12V0 --- -

,/
--
VV/ I ...............

0 --
,--~

.".- --~ ~f--- ~ -0

5

4

3

2

6

-pc I
rnq

(per rad)

- fJC 'rnq
(per rad)

. ~, " .'

..

, .
r
'.r.
r
i.

~.

rr· '
~ - '.

r:--
~. .
~ .:.

tI
r. :
~; '. ,
[~ '.

~.,
~..
~ ..-l- .

I.:'. ,

(
i'

t':' :
~. ,

~.'
~ .,

~. ..-
~." ,

~

'. ",

fiGURE 7.1.1.2-10 (CONTO)

"

f-:'l
~

•,
r :'.,
",L...l''';'''.a..':..I'• .,;.-..ll.• ..;..'....' -~''/\~,.;.,'...' .:....,...:..~....;..-......;..,.........'..;.......,J.-,,",-"~ '" ••

7.1.1.2-13



"'~~-~'.~---,~-....-'~----'---~~... ~,-----:.--...-:"",,~- ~:-'-~''''---'---'''-------~-''''- --;r-.--; ........-.:-...--...-...---- ...... - y--~ ....~-"'•.~-,~. 7"~.~:~-,--i---,.- -;:-- ------;:- .-:-- ~--~ .. ----:-. ---;"--~ -.....-----=----~ ....-~............------.-------.-------'------~-~
~ . ',' '. . . . .. ' ..' ,

---.'I.'I ., .

• •

f.

r. 7.1.1.2-14
L..-.
t"
l" .
look·-.l',""";~<_~..a·._',~ ,·_* ·b-.,· ....a..4:Io.a..:.a.._ ~ .L..-.J""",*L.l..o"t...lr!...r&..."\.., \. 1.·.

:1
.1.,

I
I

I

I
I

.1
1
I
I

I

I
J

1

,:,~j
., ·i

I

I

1210

40

, ..---_ ...... _. .-. __ .......~~._----

8

SUPERSONIC SPEEDS

SUPERSONIC LEADING EDGE

4

16 24

COT-I (,8COT A~.:> (del)

,... ............ .a......:.." . '\ .,.. s. ... "e. \- '),.....

2

8

o

o

'-r--- ---,--,-- .--- -- '-1-'--"'-- ._- .. -. - _.' ••• _0 - -,--_ ...- '1
(I) 'A = O.SO f/: ...- f--

~
- -- -- - ~- ..- f--- - -- ..- .-"-

1--. 1-.- - - -- .- - .-. - .- /-
I I '/-.---

7 Z
--

1-- ..•1--.- _. - -r?/-- f--- . :.- . .. - --
/ y,v

., - ..- ..-
VAfJ /- - .'-t--r_l-~ V V""

v... -- .

~
L--. 4 ..

V ~.

~ -- - I..-
~7 -- .- I-"'" 6- L..._

I .
5

6

I-

I(h) /1.= 0.75

i- f-- --- ~, i -- 1--- _.- 1--- '-'

7 -- I-- ..'- --'.
'A131 ,

1.. 1--- -- - 1---- 1-20

- ._-~ --, -- -- --- - ! ..- -- -- -. '-- -- .. -

8 .,
1/

, 14
1/

J
or --I--'

7 ,/
/

7 /
/6 ~

I~VJ

V
~- .-

V 1/I--~.

V
o __~

V
f-- - 1-..

l/8
V V VV ~

1/
V

~
~

1.--V
~ ~~

V f--.4- I--
V -- f-

~ b4V L..- ~ -V -~ - ~ - ~L--~ 1- -Il ...-

fIGURE 7.1.1.Z,lO (CONTO)

1.1

2

1.2

32

36

.8

1.0
I'-fJC

nlq

(per lid) .9

2
I

-J3Cmq

(per lad)
2

~.•
I'" .. ~
,
l'~' ..
~ . ".

~ -.

v .. :
~.. .-

~.
i~ -

I," .
!'.i', ,.
'.. ' '

t:t!
~ .' ~ ..
f-':
~: -

~ , '

,," "

, '.

I,·.•

f.~. -

l'~, •

" .
~~. .'
~. .'

.
~ .- '.,
-... "

~. -~. :

~~~.



~...-.- - ",-'.- .... ~ ..... ~ .. -
.. .....

-,
.....
. j

I"'......
I

,
I.. SUPERSONIC SPEEDS

SUPERSONIC LEADING fOGE

)- --TJ--1-i -'--- -'-, I
----r '-~-'-r-"",-""'T---'

--1---- -J-.--- - '. I'
(i) \ " 0.75 I I

1- - 7 ---- - J--- ----
i/ I

8 Af3 L>-- --- ,.....-_.. 20 -- --

7 .- t---- f-- r-
I
I /-
I /

--
Ii- -, 0'-

I I

-- --

5
I

I /- --~
I4- f-.

I
-I!(- -- ---

II3- 1---~- II
f--

I /2

I II j1- :---. +- --~-t---L I --

/ I !
I

/ I

.-- 17 --- .-
J --. --i-V

g.t---~ 1-
_. -, .. -- /- 1--.--

V
t----- --1---- 1---.

/
f-- -- t----~. f--- t---- I-- ---- Y~- --

j
8 7

t---
/

1----

V
---- t---

f--'-~
,/

v v·

.7~
/..I-- -- lL -- --

~~ ....v ...,..rr7 6 ,;-"
....... I--

~- --6 - ---- s.....FtIIoo -4- _.>--

----- .J.
5

1.

1.

1.

1.

1.

1.

1.

1.

2.0

1.

1.9

-/3C Irnq
(pell.d)

·,"
~·-.i'
r

..... -

'~, ...
1''-(.
·"','

"I"' •
~. ~-.
" '·I'I '

~~

~~ 0" ....."., '·- ,

'~

ro • ,"

t'

~
iO._ -:_~.-

."" .

o .2 .4 .6 .8 1.0 1.2 1.4

,....
" . FIGURE 7.1.1.2-10 (CONTO)

,'.r., 7.1.1.2-) 5

.' .
l· .•--., ...... ·"";'~~tz""iH''''."" '.'~.' •••• '."&' ••<.... t« .. " 'b''':'' J::~ . - " ...

, ... -.....:..... __tL· __~~__-..:._....-....:_ ......~. _A. ...... .a__ "'---" "'- - ,"--



"

SUt'EASONIC SPEEDS

SUPERSONIC LF.ADING cOGE

-J1C 'mq

(per rad)

1

.~
."-:~

I
.J

1COT-' (/lCOT" ) (de")
LE •

-j:JC I
mq

(per rad)

! . ~

~ ......,

;..· '.,

·t.-· "
; '.
~. .'••

·
~
k· ..

~'.' .:
t .. '•l': "
~ ~.. . .
".'.(~=~...... ",.............
~
~.•
~ "

fiGURE 7,1.1.2-10 (CONTO)

f • 7,1.1.2-16
~._-

,,
r.



April 1978

7.1.1.3-aG:F +

is the fuselage angle of attack in degrees.

is the contribution due to zero~angle-of-'attack loading obtained fro 111 Figures
7.1.1.3-3a through -3f as a function of wing aspect ratio, taper ratio, a;}d sweep.

is thl' contribution due to angle of attack obtained from Figures 7.1.1.3- 7 a through
- 71' as a function of wing aspect ratio, tapl'r ratio, and sweep.

is the wing twist in degrel~s bl~tween the root and tip r.cctions, negative for washollt
(see Figure 5.1.2.1-30b).

o

where

Design t:harts for predicting the wing contribution to CD q arc available only at Mach numbers of
0.2 and 0.8. The wing pitching derivative CD q is given by

Jn genera I, this derivative hi small and has a negligible cm~ct on longitudinal stability; hence. it is
usually neglected.

DATCOM METHOD

Jel>
Co := --_- • where Co is based on Sw .

q (qt')a --
2V

A. SUBSONIC

The method presented herein uses the Weissinger method of Reference I to calculatl' the section lift
due to angle of attack, twist, and pitch rate. The lift is then rotated through the local downwash
angle due to each of these cffects to produce a chordwisc component of force.

7.1.1.3 WING PITCHING DtRIVATIV"~ Co
q

This sc,dion presents a nll~thod for estimatin~ the wing contribution to the pitl:hing deriviltive COq
at subsonic speeds. This derivative is the cluJnll:c in drag coefficient due to a changt' in pikhing
velocity at a constant angle of attack and is defined as

r_
•.'
,
'l...

~ •I.
I

I.
I,..

.

.;.'
~~
I,.
i,e
I:
1:-
I'

~
I~
~

~.

r-
"

~
~.,
k

",
~
~. ,
'~

"ri;·
"~ '.

~ ~1
.: .

-.
'.r,·

~.
I

I

I.
I

~~
1":'":,
'.'
~

,,'
I

r:
r.

~...:.
'.

is the contribution due to the ratc of change ,-)1' pitch obtained from Figures
7.1.1.3-12a through -12f as a funct.ion of wing aspect ratio, taper ratio, and sweep.

7,1.1.3-1
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V is tlH~ free-stream velocity.

GiVt'n: The following wing-body configuration

Sample Problem

A = 0.25A = 7

Wing Characteristics:

c is the wing mean;1 ')dynamic I.'hard.

q is the pitdt rate in dt'~rcl's per second.

·
I
I'

~
r·."
t-

t
~
t
t'
~

0.0003b pt'r tlt'g2 (interpolated using figuft·s 7.1.1.3·3d, --Je, and -30

0.00061 per deg2 (interpolated using Figures 7.1.1. ~-12d, -Ue, and -12 t)

.,
'~
I
I

I

~-"

(Equation 7_1.1.3·a)

q = 5 Jeg/scc

o
(J = -5.0

0.000876 per dt~g2 (interpolated using Figures 7.1.1.3- 7d," 7 e, and .. 7 t)

M = O.H

v == 796 ft/sec (h = 30,000 ft)

z == 25.0 ft

Additional Ch.tracteristics:

qc (5)(2")
0.0785 dcg::: ------ :::

2V 2( 796)

Solution:

aeD aeD
C CD

q q (tiC):::: ( 0) + --- a. t·Dq a I- (QC) 2Vql) 0;. a --
2V

('ompult':

C :::
0 qo

aeDq
::::

alAI'

aCDq
::::

a/QC)
\2V

-,

,

•lI'•
~. "

~.
I' .· .
~." ..r.

- (0.00036)(+5,0) + (0.OOOH76)( 1.0) + (0.00061 )to.onS)

0.00272. per deg
,
,

~. 7.1.1.3-2
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B. TRANSONIC

1. De Young, J., and Harper, C. W.: Theoreticel Symmetric Span Loading at Subsonic Speeds for Wings Having Arbitrar'l'
Planform. NACA TA 921, 1948. lU)
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7.1.2 WING ROLLING DERIVATIVES
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A. SUBSONIC
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7.1.2.1-1
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=---

a(~~oo)

DATCOM METHOD

7.1.2.1 WING ROLLING DERIVATIVE Cy p

The variation of the wing roIling derivative Cy p with lift coefficient, based on the product of th~

wing area and wing span, is given by

This section presents methods for estimating the wing contribution to the rolling derivative Cy p at
subsonic and supersonic speeds. This derivative is the change in side-force coefficient with change in
wing-tip helix angle and is expressed as

The wing rolling derivative Cy p results from the angle-of-attack distribution and the tip-suction effects
of rolling wings.

The angle-of-attack distribution caused by roUing produces incremental changes in aerodynamic forces.
For wings having sweep and/or dihedral, these incremental changes have components in the lateral
direction, causing a side force. The contribution to Cy p due to the angle-of·attack distribution caused
by rolling is derived in reference I, based on simple sweep theory. This result is limited to swept,
untapered wings at low lift coefficients. Thl' effect of tape: ratio has been derived based 011 t:.(
experimental results presented in reference 2. The effect of dihedral is taken from reference 3. Although
the expression for the dihedn,j effect has been derived specificaIly for untapered wings, it should be
rf",3sonably reliable for wings 0; any tapel ratio over the range of wing dihedral angles of practi<':JI
interest.

The side force due to rolling of unswept wings is not accounted for by the theory of reference I. This
value is presumed to be caused by tip suction and is given by the empirical expression developed in
reference 4. Experimental results show that the tip-suction effect is independent of sweep and varies
inversely as the aspect ratio.

The method of reference 5 is applied to extrapolate the potential-flow values to high lift coefficients by
using experimental values of the lift and drag at high lift coefficients. If experimental lift and drag data
for the particular planform of interest are not available at the chosen Mach number, no attempt should
be mnde to estimate the variation of Cy p with lift coeffident. The negligible importance of this
derivative does not warrant the effort involved in estimating the wing lift and drag variation.
Furthermore, no known general method for estimating the varia tion of drag coefficient will give resu Its
reliable enough to use in determining the correction factor for extrapolating the potential·flow values tv

higner lift coefficients.
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(per radian) 7.1.2.I-a
'J
'1

~ where

~ ' ..

11
• '••• f

M

is the slope of the side force due to rolling at zero lift given by '.1
)

'.1

where B = fi _. M2 cos2 Ac!4 and

....
" ......

~ ~ .... '

· "- ....
'. ".

A + 4 cos Ac / 4

AB + 4 cos A
C

/ 4

AB + cos Ac!4

A + cos AC!4
7.1.2.I-b

I

'.1
I

I
I

J
, .~

i
I
I
I

, ,1
..J

7.1.2.1-c

(per radian)

is the geometric dihedral angle in degrees, positive for the wing tip
above the plane of the root chord.

is the v~rtical distance betwe-en the e.g and the wing root
quarter.. chord point, positive for the e.g. above the wing root
chord. (Thi:) parameter is independent of angle of attack.)

= [3 sin r (I - 2 b~2 sin r)] (Cl
p

) 1'=0

c L =0

(::l.o
M=O

z

r

where

is t 'e increment in Cy due to dihedral given by
p

is the slope of the low-speed side force due to rolling at zero
lift, obtained from figure 7.1..2.1 ...9 as a function of
aspect ratio, sweep of the quarter-chord, and taper ratio.
This chart has been derived by using the results of refer-
ences 1, 2, and 4. Equation 7.1.2.l-b modifies the
low-speed value by means of the Prandtl-Glauert rule to yield
approximate corr~ctions for the first~rder three-dimensional
effects of compressible flow up to the critical Mach number.

is the wing lift coefficient.

•

· '~ .. -.· .. -,

• 7.1.2.1-2
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is the wing span.

is the roll-damping derivative of the wing without dihedral and at
zero lift. This value is obtained from paragraph A of Section 7.1.2.2
and is given by (see equation 7.1.2.2u a)*

(per radian)

is a dimensionless correction factor used to extrapolate the potential-flow values to
high lift coefficients. At zero lift this factor is taken as 1.0. At lift coefficients other
than zero this factor accounts for the variation of profile drag with lift coefficient
and is given by

l'!
'.

..

1 K

~I
a a
aa (CL tana) - aa (CD - Coo)

K =
_a (CLtan a ) __a_(_C_L_2)
aa aa ~A

7.1.2.1-<1

•
Test values of lift and drag at the chosen Mach number for the particular planform
of interest must be used in evaluating equation 7.1.2.1-d. The terms of equation
7.1.2.1-<1 are evaluated by taking the slopes of CL tan a. Co - CD O'

and CL2/(wA), plotted versus angle of attack.

If reliable values of the static-force coefficients are available, the method should provide results within
±20 percent accuracy tMoughout the lift-eoefficient range to the stdl.

Sample Problem

Given: The wing designated 32.64-0.6-006 of references 5 and 8.

Wing Characteristics:
.... '.a

A = 4.0 A = 0.60 Ae!4 = 32.60 r = 0

S = 2.25 sq ft

Additional Characteristics:

M :: 0.7

The following test values from reference 8 at M = 0.7

..
-

·1

CD = 0.01
o

"TIMl eff~ of profll. drllll on the roll dtmplng lit x.a lift I. negl.atd.

7.1.2.1-3
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(equation 7.1.2.I-b)

M=O

(equation 7.1.2.1-<1)

(figure 7.1.2.1- 9)

AD + cos ACt4

A + cos Act4

4.0 + 4 cos 32.60-------- = 1.116
(4.0) (0.808) + 4 cos 32.60

AB + cos Act4
= (1.116)(0.8414) = 0.939

A + cos Act4

A +4 cos Act4

AB T 4 cos Act4

= (4.0) (0.808) + cos 32.60
:: 0.8414

4.0 + cos 32.60

CL .05 .1 ,2 I .3 .4 .5 .6 .7
-

a ,75 1.S0 2.95 4.30 5.60 7.20 8.80 11.20

CD .011 I .0115 .015 I .021 .033 .0535 .078 .145

rcy ) = 0.42 per rad
\ p C =0

L
M=O

= (0.939) (0.42) = 0.394

a 3
- (C tana) - - (C _. C )
3a L oa D Do

K== a a (C 2)
- (C tana) -- -- ~-
oa L 3a 1tA

M

AD + cos Act4

A + cos Act4

A + 4 cos Act4

AS +4 cos Act4

A + 4 cos Act4 =
AD + 4 cos Act4

Determine Cy ICL at zero lift
p

Determine the K factor

Compute:
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at Co -co Cl
2/ltrA)

Test t.n ot Cl t8n(~ Co 0
Cl t8n ® (!)@ Test ® - 0.01 0 2

"4Itr)
(dell)

,06 .75 .01309 ,0007 .011 .001 .0002

.10 1.5 .02619 .0026 .0115 .0015 .~

.20 2.95 .05153 .0103 .015 .005 .0032

.30 4.30 .07519 .C226 .021 .011 .0072

I .40 5.60 .09805 .0392 .033 .023 .0127

.50 7.20 .1263 .0632 .0535 .0435 .0199

.80 8.80 .1548 .0929 .078 .068 .0287

.70 11.20 .1980 .1386 .146 .136 .0390

r~~ .-' -.-.
~- 

~'".:
f:' ",
v:'
r'

~
~<:

~
k

~
i::"' :
.' ,· .... ',.

,. 0

, "

. ",

® ®

Plot CL tan ot, CD - CDo _and CL 2 /(7rA) versus angle of attack (see sketch (a»,

.16

CL TANat

.12 i-CD,
~- f(ot) .08

".:
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1--
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f
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I"t' ~.,

I~' '

...
h~
~-

."
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o 2 4 6 8 10 12

ot (deg)
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SKETCH (a)

7.1.2.1-5
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.. - ..-

@o
a a~ (co _ Coo)

2 K
BOt ( Cl U1nal a (CL) 1(2) - @1I1®- @ICL au -;;; (Iq. 7.1.2.1~1 ,

0 - - - 1.000

.06 .0018 ,00095 .0002 .531

.10 .0040 .0()12 .00115 .982

.20 .0066 .0030 .0022 .818

.30 .0106 .0066 .00325 .538

.40 .0136 .0116 .0044 ,228

.50 .0168 .0152 .0049 .136

.60 .0184 .0195 .0052 - ',083

I .70 .01865 .0279 .0031 - .696

~. '.

" '

-., ~.

".: .

.. ,~'

"

..... '
",

Solution:

(equation 7.I.2.1-a)

'i

J,

I

~ '. "I.
. '

'. ~.'

-.-.

, .

•
, ......

= K [(0.394) CL ) + 0 ::: 0.394 K CL

.--.,.

cy
P

lbawd on Swbwl

Cl
I".,r 00)

K leq.7.1.2.1 ..,

0 1.000 0

.05 .531 .0105

.10 .~2 .0387

.20 B1B .0645

.30 .538 .0636

.40 .228 .0359

.60 .136 .0266

.80 - .(113 -.0196

.70 - .695 -.1641

I
!

I

1
I

The calculated results are compared with test values from reference 5 in sketch (b).

• 7.1.2.1-6
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- Calculated
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Cy
p 0

(per rad)
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B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the rolling
derivative Cy p' Furthermore, no known experimental results are available for this derivative at transonic
speeds.

C. SUPERSONIC
,,'

.'

"",

".
".

At supersonic speeds a design chart based on theoretiCS'1 calculations is presented for estimating the
rolling derivative C'l p at low values of the lift coefficient. The design chart is based on the results of
reference 6 for wings with subsonic leading edge~ and supersonic trailing edges, and the results of
reference 7 for wings with supersonic leading edges and either subsonic or supersonic trailing edges. The
results of both references 6 and 7 are based on linearized-supersonic-flow theory and are therefore
restricted to thin, swept-bar.k, tapered wings with streamwise tips. The lateral force due to rolling is
taken as that arising entirely from suction forces on the wing edges. For wip.gs with supersonic leading
edges no suction forces are induced along the leading edges, and the determin1tion of Cy involves
only the unbalanced suction forces along the wing tips. Therefore, for zero-tap~r wings with ~upersonic
leading edges the theory gives Cy p = O.

. ,...'
.',
;,
~~

"

No experimental data are available for this derivative at supersonic speeds. Therefore, the validity of
linearized-supersonic-flow theory for estimating Cy p cannot be determined.

,DATCOM METHOD

The wing contribution to the rolling derivative Cy p at supersonic speeds and at low values of the lift
coefficient is obtained from figure 7.1.2.1-10 as a function of tha wing aspect ratio, taper ratio,
leading-edge sweep, and Mach number.

.. + 1...
.......--a~:...~ .._.a..-....... _ ...... ~_.... __ .~ .... J..
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Given: Tapered, swept-back wing.

A '" 3.22 X = 0.25

M = 2.41; (3 = 2.19

Compute:

(3A ::: (2.19)(3.22) ::: 7.07

Solution:

,- ,

Sample Problem

ALE = 55.20

~ ...- ,- ... - ....... - .-,- " .. \.'~.",. -, .
, ,

-.
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7.1.2,2 WING ROLLING DERIVATIVE C,
p

This section presents methods for estimating the wing contribution to the rolling derivative CI at
subsonic and supersonic speeds, This derivative is the change in rolling-moment coeff1cient with ch~nge
in wing-tip helix angle and is expressed as

O'

w·

. '. C1p

..

•..
r

,
o'
r-

"i'

"

'.

-....

A. SUBSONIC

The wing rolling derivative C I p at subsonic speeds is :J function of the wing lift-curve slope, the wing
drag, and geometric dmedral. The effects of dihedral become significant wh~n the displacement of the
rolling axis from the wing root chord is moderate or large.

For unswept wings of moderately high aspect ratio the lift-curve slope undergoes only small changes
throughout the lift-coefficient range, and the drag contribution is relatively unimportant. Therefore,
potential flow values of C I p at zero lift are generally satisfactory at all lift coefficients below the stall
for these planforms.

Several methods are available for estimating the potential flow value of C/ . Reference 1 presents
design charts for Cl at zero lift of unswept wings based on Iifting-lin~ theory. An effective
edge-velocity correctioh is applied to the lifting-line theory results of reference I in rderence 2. Finally
the results of reference 2 arc modified for the effects of sweep in reference 3. A similar method that
accounts for the effects of sweep on the edge-velocity correction is presented in reference 4. Reference
5 presents a more rigorous method of estimating Cl for wings of arbitrary planform at zero lift, based
on the simplified lifting-surface theory of Weissingei for determining the additional span loading due to
rolling. The Datcom method for estimating C I p at zero lift is taken from reference 6. It is essentially
that of reference 5 conected for compressibility effects and extended to a wider range of planform
parameters.

For wings of moderate to high aspect ratios llnd with moderate sweep, the value of C, in the
nonlinear-lift range is estimated to a first approximation by assuming that variations in the rift-curve
slope will affect Cl p in the same proportion as CLa '

On low-aspect-ratio and/or highly swept wings, the flow separates and fonus a stable leading-edge vortex
that is responsible for the generation of considerable ad.... Jional lift on the outer portions of the wing.
The drag associated with these high lift coefficients cawes significant changes in C I p' The increment
in C/.p. due to drag is derived in reference 7, based on the strip-theory procedure of reference 3. Since
the effects of drag due to lift and of profile drag on the roll-damping derivative are not of equal
importance, they are considered separately in determining the increment due to drag.

The correction for geometric dihedral is considered in detail in reference 8. Although the expression for
the dihedral effec;t has been derived specifically for untapered wings, it should be reasonably reliable for
wings of any taper ratio over the range of wing dihedral angles of practical interest.

The Datcom method accounts for the variations in wing lift-curve slope, drag due to lift, and profile

~ '.
p
~
~.,.
(
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'.
drag, as well as the effect of dihedral. The method requires knowledge of the variation of lift and drag
over the angle-of-attack range to the stall for the particular configuration at the appropriate Mach
number. Therefore, this method is quite readily applied if experimental lift and drag data are available.

DATCOM METHOD

i
I

I
I

I
I

.;:,~

I
I

7.1.2.2-b

7.1.2.2-a+ (~CI) (per radian)
p drag

(C, p) "
(C/1')""O

= [I - 2 ..!:.... sin r + 3 (+\2 sin2I' ]
b!2 b,2J

(C1p)f'
(C, p)r-o

is the dihedral-effect parameter given by

(
tan AC /4')

A{3 = tan- 1 {3 ,where f3 = II -- M2 .

is the wing lift-curve slope at zero lift, obtained from test data or estimated by using
the straight-tapered wing method of paragraph A of Section 4.1.3.2 at the appropriate
Mach number.

is the wing lift-curve slope at any lift coefficient below the stall, obtained from test
data or estimated by using the straight-tapered wing method of paragraph A of Section
4.1.3.3 at the appropriate Mach number.

is the roll-damping parameter at zero lift, obtained from figure 7.1.2.2-20 as a function
of I\.p and fjA!K.

The parameter I\.p is the compressible sweep parameter given as

The parameter K is the ratio of the two-dimensional lift-curve slope at the approprial~

Mach number to 2rrjf3; i.e., (C1 a) M !(2rr!{3), The two-dimensional Iift-eurve slope is
obtained from Section 4.1.1.2. For wings with 'airfoil sections varying in a reasonably
linear manner with span, the average value of the Iift-eurve slopes of the root and tip
sections is adequate.

where

The value of the wing rolling derivative C, at a given lift coefficient at subsonic speeds, based on the
product of the wing area and the square ofthe wing span Sw b~, is givrn by

-•.. ,

.' ,
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where

r is the gcom~tric dihedral angle, positive for the wing tip above the plane of
the root chord.

l. is the vertical distance between the e.g. and the wing root chord, positive for
the e.g. above the ro\)t chord.

b is the wing span.

is the increment in the fOl1-damping derivative due to drag, gi",en by

where

( C, )
~I (' D

L
I

"" -~-- Cl.,2 8 CD
C 2 0

L

(per radian) 7.1.2.2-e

CL is the wing lift coefficient. below the stall.

is the profile or total zero-11ft drag coefficient. If txperimental data
are nQt available, CDo may he estimated by the method of para
graph A of Section 4.1.5.1 at the appropriate Mach number.

This method includes the effects of compressibility and may be applied up to the critical Mach number.
(The dras-due--to-lift term does not include a M:.ch nwnber correction; however, it is small except ilt
high CL where the Mach number is generally low.)

~

k: ..
r • '
I·' "
~ ""

~
I'
~'~ .
r"· ,

C 2
L

is the drag-due-to-Iift roll-damping parameter obtained from figure
7.1.2.2-24asafunctionof A and Acllt"

','
II • ~ •. "
'.'
""
" ., ',.
. ,

"~ "..
> •.....
\.'

The most important factor considered in this method i~ the variation of the wing lift-eurve slope. If
reliable values of this parameter are available ovec the lift-coefficier.t range, the method will in most
...:ases give satisfactory results over that CL range for conflgurations with aspect ratios of approximately
2 or greater.

For wings of low aspect ratio and/or high sweep the accuracy of the method rapidly deteriorates with
increasing CL, even when experimental values of lift and drag are used. The error results from the fact
that the high values of (el p) obtained from figure 7.1.2.2-24 for these configurations ate not

CDL

realized in praclice. Therefore, as Cl. increal;cs the calculated values of the roll-damping derivati~'e

become progressively smaller than those given by ex,eriment.

A comparison of the roIJ-damping derivative calculated by using this method with teat results is
presented as table 7.1.2.2-A. Experimental values of lift and, drag have been used in eYaluating the
roll-damping derivative of aU the configurations listed in the table. Several additional rderence~

containing test results of the damping-in-roll characteristics of straight-tapered wings are listed in table
7-A.

7.1.2.2-3
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Sample Problem

Giv~n: Model 8 of reference 17.

Wing Characteristics:

A = 3.0 ~ = 0.15 r = 0

•
Airfoil Characteristics:

NACA 0012 airfoil
Y90

2
= 1.448

Y99

2
= 0.260

"j

AJditional Characteristics;

M ;; 0.13; (j = 0.992 CD = 0.036 (test value)
o

The following t ..~st values from reference 17:

~ j 0 I .1 I .2 ~~-l,...---.6 -+--.7--+--.8_
C

La
I .0525 .0525 .0525 I .0531 .053 I .054 I .054 .050 .030

7.1.2.2-4

l.OS
:: 0.992 (0.768) (6.88) ". 5.59 per rad

. ~

~.j

I
I
i

I
I
I
I
!

."1
~

I
!
1
!

:1
"~

i
I
I

I
-~
:j

I

(C,t ) (equation 4. 1. 1.2-a)
Of theory

5.59= = 0.883
211'/0.992

Y9Q Y99
---

____2 --:-_2_::::: 1.448 - 0.26 := 0 132
9 9 .

1.05 cl{Y
=-----

13 (CIa)
theor~'

1 •
tan '2 q,1E

cia = 0 768 (figure 4.1.1. 2-8a, extrapolated by plotting vs JoglO Rt'
(Cl )

~eory

(C,t ) = 6.88 (figure 4.1.1.2-8b)
Of theory

Compute;

I (3CI )'
Determine the roll-damping parameter at zero lift \ --;!.

•

•

...........,..;..,;,. .;,.............~.......-.....o.-........-.._ :.__~........._..:.o.-"""'-.........:.....~_ M'; • ...,~..~~ ......-.J...... --t:L.. __.._~_l'o.e...J....... _ ""---~........_ .......... __ .M ... • .' .J
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~A = (0.992) (3.0) = 3.37
" 0.883

~ ....

. '.. . A ::: tan- 1 (tan AC/4
.) = tan-1 (0.7508)= tan-1 07569 = 37 120

~ IJ 0.992 . .

( tiel p) = -0.251 per rad (figure 7.1.2.2-20, interpolated)
" f cL-o

I
8 0.036 per rad

CD ® ® (3)
1 ~Cl

cL
c 2 -co p

L 1'J 0 -.034@-@)
0 0 0.0045 -0.0045

0.1 0.01 -0.0048

0.2 0.04 -0.0059

0.3 0.09 -0.0076

0.4 0.16 -0.0099
I

0.5 0.25 -0.0130

0.6 0.36 -0.0167

0.7 0.49 LL -0.0212

0.8 0.64 -0.0263

.. -0.034 (figure 7.1.2.2-24)
C 2

L

(Ae, )
p drag

Determi,1e the dihedral-effect parameter

Determine the increment in roll damping due to drag (AC1 )
p drag

" ....

.'.

l
7.1.2.2-5

,I, -"...w._ --.; ............oloaoO.................--........~.......~._'d·A_....~~~ ......l.. .... ....:.--=:·-- ...·~·1_, .. --.I. !III._A ... _ ••.•.. ::i: 'trAr· t '.·t· « "rb • 6 s· .~. ftc .• ,



~:'j

I

I

"
',I

j
I
I

.j
I

+ (AC 1 ) (equation7.1.2.2-a)
P dng

(CLa\L

(CLa)CL_O

. ..... ~ .. " ...

r----,
(CLa)CL Ic1

(cLjCL
(AC1p)drag

p

(CLakL-<l
(t1esed on Sw~ I

(per rtd) (per red)CL (test results) 0/0.0526 (ltQ.7.1.2.2-c) -0.223 0+0

0 0.0626 1.00 -0.0046 -0.2275

0.1 ! 1
-0.0048 -0.:2278

0.2 -0,0059 -,0.2289

0.3 0.063 1.01 ·-0,0076 -0,2328

0.4
, I -0.0099 -0.2361

0.6 0.064 1.03 -0.0130 -0.2427

0.6 l J -0.0167 --0.2464

0.7 0.0&0 0.962 -0.0212 -0.2335

0.8 a.o~ 0.571 ,-0.0263 -0.1536
"------ .._. I

~ -0.223

C 1p

Solution:

The calculated results are compai'ed with test values in sketch (a) and in table 7.1.2.2-A.
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C. SUPERSONIC

There are no reliable methods for estimating the derivative C, p in the transonic region. Although this
derivative might be expected to vary with Mach number in the same manner as the lift-curve slope, this
trend is not exhibited by experimental data. A co05iderable quantity of test data is available, however,
and reference should be made to table 7-A.

.. - ",".-Y·- ,- -·""1

1.0.8.4 C
L

.6

SKETCH (a)

.2

,,'" ... "'1 -.'9.°,.

o

o Test points
---. Calculated

(~ A r. :J <;) ( . ........

t\
~\

--

()

o

-.2

-.1

-.3

C,
p

B. TRANSONIC

At supersonic speeds design charts based on theoretical calculations. are presented for estimating the
rolling derivative C I p of wings of van ishing thickness.

The design charts are those of reference 9 and are based on the results presented in the following
references:

- , • ~ - .1'- ," - .. - .... , - , ~ .

1-:
'.

Reference 10 in the relrion of supersonic leading and trailing edges

Reference II in the region of subsonic leading edges and super;,;onic trailing edges

r.··
Reference 12 for values of (3A < 2

.. The results presented in references IJ and II are based on linearized supersonic-flow theory whit.>. :he) "
of reference 12 are based on slender-wing theory. The slender-wing-theory value of C Ir fl:

(31' = 0 was used to establish a straight-line relationship between slender-wing theory amI the 10VI

limit of the linearized supersonic-flow theory. Thin airfoils have been assumed in these thcori,.,
Thickness effects are not important except for conditions where the Mach lines lie on or near the Will:~

leading edge. Under these conditions the wing-lea ding-edge shock position is displaced forward irom j h

theoretical position by the finite thickness effects of the leading edge. This displacement results ill
substantial losses in normal-foree-curve slope and consequently, in roll damping.

l1te empirical chart presented in Section 4.1.3.2 for determining the leading-edge-thickness effect OJl the
normal-farce-curve slope of straight-tapered wings has been adopted in this section to determine tilt'
leading-ed/;e-thickness effect all tbe roll damping. This chart is presented as figure 7.1.2.2-27 in the forlll

7.1.2.2-7
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of a ratio of the actual roU-damping derivative to the theoretical roU-damping derivative. For
straight-tapered wings with sharp leading edges, the airfoil nose semiwedge angle (measured normal to
the wing leading edge) determines the shock position relative to the wing. Experimental data indicate
that the parameter corresponding to the nose semiwedge angle is ~Y1 = ~y/cos ALE, where ~y is the
difference between the upper-surface ordinates at the 6-percent- and O.IS-percent-ehord stations. The
parameter ~y is presented for several airfoil shapes in figure 2.2.1-8. For double-wedge and biconvex
airfoils there is a linear relationship between An and the leading-edge semiwedge angle, gWen by

Either An or 61 may be used to calculate the thickn~ss effects.

The Datcom' method is applicable to straight-tapered wings of arbitrary taper ratio with wing tips
parallel to the free stream and with subsonic or supersonic leading edges and supersonic trailing edges. A
further restriction is that the foremost Mach line from the tip may not intersect the remote half-wing.

Wings with inverse taper (;\ > I) have not been considered. Wings with swept-forward leading edges are
included through the use of the reversibility theorem (references 13 and 14). The reversibility theorem
states that the roll-damping derivative C, p of the wing in forward flight equals the roll-damping
derivative of the same wing in reverse flight.

DATCOM METHOD

,.

...
..'.~

' .. ~

. "

The wing ::ontribution to the roll-damping derivative Clp at supersonic speeds, based on the product
of wing arlja and the square of the wing span Sw b~, is given ~y

.. ",,"

-.....~,

[<Cl p) theory J
C 1 :::: A

p A

where

C,
p

(per radian) 7.1.2.2-<1

The sonic trailing-edge bOl:ndaries on figures 7.1.2.2·25a through 7.1.2.2-25e represent an upper limit
for the true theoretical values of the derivatives. Values below the sonic trailing-edge boundary are for
wings with subsonic trailing edges and are in violation of one of the basic assumptions of the theory.
For configurations with subsonic trailing edges (~cot ATE < I) the design charts will overestimate the

roll-damping derivative.

· ........

•
"

•

e'

A

(C l )
p theory

A

( C I p) theory

is the wing aspect ratio.

is the theoretical roll-damping parameter obtained from figures 7.1.2.2-25a through,
7,1.2.2·'25e.

is the empirical thickness correction factor obtained from figure 7.1.2.2-27.

:1
I

I
I

'J
1

I
I

~ ,~

... ' ..
e' 7.1.2.2-8
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It should be noted that the "kinks" in the c:unes of f"JgUres 7.1.2.2-25& through 7.1.2.2-25e correspond
to the conditions of sonic leading or trailing edges. Experimental evidence shows that these "kinks" do
not occur in practice.

Comparisons of the supersonic roD-damping derivative in the linear-lift range calculated by this method
with test results are presented in tables 7.1.2.2-8 and 7.1.2.2-e. The configurations listed in table
7.1.2.2-8 have supersonic leading edges, while those of table 7.1.2.2-e have either sonic or subsonic
leadinl edges. The roll dampinl is predicted quite accurately by the Datcom method when the wing
leadina edps are supersonic. However, when the wing leadinl edges are sonic or subsonic, the calculated
roD ciampini is in almost all cases considerably greater than that given by experiment. Application of the
thickness correction factor presented as f"JgUre 7.1.2.2-27 improves the agreement between the calculated
and experimental values of roJi damping in almost all cases presented in table 7.! .2.2-e, since this factor
represents a reduction in roD dampinl. For wings with subsonic leading edges the theoretical results
presented in n.ures 7.1.2.2-25a through 7.1.2.2-25e show the poorest agreement with experiment at the
lower ftlues of ~ cot ALE for a liven value of M.

Given: Wina 14 of reference 23.

Airfoil: Constant 3/16-in. thickness with symmetrical 50 bevel on all edges in a direction parallel to
the root chord.

,,~..,

A = 3.12 ). = 0.25

.~..: . .:, ....
'.!-""

M == 2.41; ~ = 2.19

Compute:

~A = (2.19) (3.12) == 6.83

A tan A
C
!2 = (3.12) (tan 53.40) = 4.20

( C"}theolJ
A == -0.0716 per rad (f.,ure 7.1.2.2-2Sb)

IJ cot ALE = 2.19 (cot 6QO) = 1.265 (supersonic leading edge)

tan 6rP= = 0.791
2.19

C,
p

= 0.865 (faaure 7.1.2.2-27)

7.1.2.2-9
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Solution:

I~- ...... "'-. "'-. ~... " ... ~ 'l ~.. . - .........-' ........ \ ,.

. .:.
" .
. ,' :'. -.
I

= (-0.0716) (3.12) (0.865)

::; -0.193 per rad (based on Sw~)

(equation 7.1.2.2-<1)

.....

.......

..""' ......
-..--

".' ...

, '.

••
. ' .. "

,,,".

.•. ~

-: .

This compares with a test result of -0.188 per radian from reference 23.
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TABLE 7.1.2.2·A

SUBSONIC WING ROLLING DERIVATIVE C,
p

DATA SUMMARY

5.9 I

9.7

14.6

12.7 I
6.7

6.7

8.0

6.7

- 2.9

-29

-2.6

e
Percent

Error

~Q'
(perdagl

hilt)

0.066

0.072

0.072

o
0.1

0.2

0.3 0.072

0.4 0.067

0.5 0.067

0.6 0.063

0.7 0.047

C...M

0.13

I

r
(dig)

o

!

Airfoil
Section

66AOO6

32.6

0.60

A

4.0

Ref.

15

c, C,
p P

~Ic. Test
lper red) lper redl

-0.322 -0.345

-0.366 -0.346

-0.367 -0.347

-0.367 -0.348

-0.334 -0.355

-0.334 -0.370

-0.316 -0.370

-0.240 -0.275

o 0.062 0.033 -0.308 -0.330

0.1 0.062 I -0.308 -0.330

0.2 0.062 -0.309 -0.336

0.3 0.066 -0.329 -0.360 8.6 I
0.4 0.066 -0.330 -0.387 14.7

:: ::. :: =:: --20
'
::.0: I

0.7 0.... ! -0.234 -0'00 I
O.S 0.027 -0.145 -0.085 -70.S',-_....._ ......__~__~ .L-_...L.__..J-__..J-_-L.__....J L.-__-L. I...-__• ,I

"

.-, .'

.'
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TABLE 7.1.2.2·A (CONTO)

........ • .. 3·'\ * k

' ..

-
c, C, C,

'-Q
CO p p •Ac/4 Airfoil r Rt (per degl 0 Calc. Test Percent

ef. A A (dell! Section (deol M )( Hr6 CL (tert) 1t••tI (perrad) (per rad) Error

16 4.0 0.60 46.7 66AOO6 0 0.13 0.72 0 0.062 0.033 -0.287 -0.300 4.3

I 0.1 0.062 -0.288 -0.3O'.i 5.6

0.2 0.062 -0.288 -0.335 14.0

0.3 0.066 -0.309 -0.378 18.3

0.4 0.066 -0.312 -0.392 20.4

0.5 0.066 -0.315 -0.382 17.5

0.6 0.059 -0.285 -0.350 18.6

0.7 0.046 -0.230 -0.297 22.6

0.8 0.036 -0.193 -0.256 24.6

16 2.31 0 52.2 55(061-006.5 0 0.13 1.624 0 0.046 0.020 -0.172 -0.165 - 4.2

I
0.1 -0.173 -0.176 1.1

I 0.2 -0.176 -0.180 2.2
,

0.3 -0.180 -0.180 0

0.4 -0.W6 -0.182 -2.2

j
0.5 -0.195 -0.182 -7.1

j
0.6 -0.2O!i -O.1BO -13.9

1 0.7 -0.218 -0.179 -21.8

0.8 -0.233 -0.172 -36.5

17 30 0.15 36.9 0012 0 0.13 1.254 0 0.0525 0.036 ~.228 -0.230 0.9

O. I 0.0525

I
-0.228 -0.230 0.9

0.2 0.0525 -0.229 -0.232 1.3

0.3 0.053 -0.233 -0.235 0.9

0.4 0.053 -0.235 -0.232 -1,3

I
0.5 0.054 -0.243 -0.232 -4.7

0.6 0.064 -0.246 -0.228 -7!J

0.7 0.050 -0.234 ~.198 -10.1

0.8 0.030 -0.154 -0.090 -71.1

2.31 0 62.2 1.624 0 0."~1 0.033 -0.168 -0.150 -12.0

0.1 -0.169 -0.150 -12.7

0.2 -0.172 -0.160 -14."1

0.3 -0.176 -0.149 -18.1

0.4 -0.lB3 -0.143 -28.0

0.5 -0.191 -0.138 -38.4

0.6 0.0436 -·0.212 -0.1213 -66.6

0.7 0.0435 -0.225 -0.120 -87.6

0.8 0.046 -0.246 -0.127 -92.9

A
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TABL£ 7.1.2.2-A .CONTO)

~a
Coo

C/ C/ •p P
Ad4 AIrfoIl r RI lper'" calc. Telt P..cent

Ref. A 1 .... ..... ...... M .,~ CL ..... (wt) lper rid) (per rid) elTor

4.0 p .. 1.232 0 0•• 0.037 -0.238 -0.227 - 5.3

I 0.1 -0.239 -0.230 -3.9

0.2 -0.240 -0.230 -4.3

0.3 -0.241 -0.236 -2.6

0.4 -0.243 -0.228 -6.6
i

0.5 -0.245 -0.200 -22.5

0.6 0.0546 -0.242 -0.180 -51.2

0.7 0.047 -0.214 -0.117 -82.9

0.8 0.037 -0.178 - -
2.0 '-- at 1.3315' 0 0.036 0.041 -0.183 -0.228 19.7

0.1 0.041 -0.208 -0.221 5.9

0.2 0.044 -0.224 I -0.231 3.0

0.3 -0.226 -0.232 2.6

0.4 -0.229 -0.222 -3.2

0.5 -0.233 -0.228 -2.2

0.6 -0.238 -0.242 1.7

0.7 0.043 -0.239 -0.250 4.4

0.8 0.0&3 -0.295 -0.240 ..,.22.9

" 2.11 I. e.G GO'I 2CluJ 0 0.17 1.40 0 0.04&2 0.023 -0.218 -0.230 5.2

0.1 -0.218 -0.232 6.0

0.2 -0.219 -0.236 6.8

0.3 -0.223 -0.240 7.1

0.4 -0.227 -0.242 6.2

0.5 0.048 -0.245 -0.256 4.3

0.6 0.0Ii0 -0.260 -0.275 5.5

0.7 0.066 -0.339 -0.318 -ll.6

0.8 0.c7746 -0.393 -0.385 -2.1

"
3._

0._ ••1' GO'Io.M 0 0.1' 1.1:11 0 0.0515 0.018 -0.271 -0.266 -1.9

0.1 0.0&5 -0.290 -0.261 -11.1

0.2 ! -0.290 -0.279 -3.9

0.3 -0.292 -0.290 -0.7

0.4 0.066 -0.300 -0.299 -0.3

0.5 0.064 -0.292 -0.292 0

0.6 0.046 -0.254 -0.248 -2.4

0.7 0.036 -0.200 -0.150 -33.3

0.8 0.017 -0.110 -0.126 12.0
.'
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TABLE 7.1.2.2-A (CONTO)

I
CL C, C,a- Co p p e

1\~4 Airfoil r Ri I(perdlg) 0 C.lc. Tesl P",centR., A A. (d'" SlCtlon (degl M I( 10-6 CL (mt) hatl (per 001 (per ndl Error

20 2.~1 0 52.4 66A003 0 0.17 2.06 0 0.042 0.015 -0.170 -0.160 - 6.3

0.1

1
-0.171 -0.155 -10.3

0.2 -0.175 -0.158 -10.8

0.3 0.0455 -0.193 -0.165 -17.0

I 0.4 0.047 ..·0.205 -0.165 -24.2
i

-34.6; 0.5 0.048 -0.218 -0.162
,

0.6 0.048 -0.228 -0.155 -47.1

I i 0.7 0.047 -0.236 -0.150 -57.3

~ ,
0.8 0.047 -0.250 -0.157 -59.2

21 4.0 0.6 0 ~oOa 0 0.166 0.88 0 0.061 0.027 -0.317 -0.330 3.9

I
I I 0.1 ·-{).317 -0.340 6.8i

I 0.2 -0.31B -0.370 14.1

0.3 -0.318 -0.392 1B.9

0.4 -0.320 -0.384 16.7

0.5 I -0.321 -,0.355 9.6

0.6

*
-0.321 -0.336 4.5

AverOlle Error • 1:lel
E 11.6%

n .-.-
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TABLE 7.1.2.2-8

... ','

SUPERSONIC WING ROLLING DERIVATIVE Cl
p

SUPERSONIC LEADING EDGES

.. ',.
''','. DATA SUMMARY

4.0

- 9.5

2.7

- 9.0.

- 1.4

- 6.6

•
Perc"nt
Error

-0.225

-0.210

-0.188

-0.200

-0.188

-0.211

c,
P

Test
(per rlld)

-0.181

--O.19a

-·0.234

-0.207

-0.171

-0.197

0.860

0.915

0.850

0.913

0.913

0.865

~O.0669

1.16

1.Hi

1.64

1.27

1.63

2.•'

2.41

1.93

2.41

1.93

2.37 0.25 55.0

( 1 1
3,12 0.26 60.0

3.22 0.25 55.2

j l l

Ref.

I icC1~118Orv

I ''\E Airfoil <S1 I A
A i A : ldeg) I M (J cot '\E Section (deo) I (per rlld)

1--2-3-r-3.-07-+-~;;'-~' 1.27 _ .. ' -~~1Id--,-·-t--'0-.0-+i -_-O·.-06-36-t--0-.8-66--+I--o-.-1-42----i-_-0-.-,39--+--2-.2---l

'fi I fIO.a.1 ~ Flat Plat. i I
1.90 0.26 60.0 2.41 1.27 I I I 10.0 ! -0.0982 0.866 -0.161 -0.163 - 1.2

1.91 0.26 56.\) 1.93 1.16 I 8.75 -0.1126 0.860 -0.185 -0.195 - 5.1

III 2.41 i 1.54 i i ! : -0.0980

I

I 8.76 i -0.1016

I !
• -0.0834

I
!10.0 r -0.0716

I
8.76 -0.0853 I
I

'.
"

.'.
" ,
.. ··1

"

.'

3.12 0.25 46.0

j j I
1.b'2

1.93

2.41

1.27

1.66

2.20

7.08

I
-0.1010

-0.0839

-0.0642

0.896

0.945

1.000

-0.282

-0.248

-0.200

-0.272

-0.253

-0.190

3.3

- 2.0

5.3

1.83 0 66.0

l J j
1.112 0 50.0

I j j

1.93

2.41

1.62

1.93

2.41

1.16

1.64

1.07

1.39

1.84

8.75

l
7.8

I

-0.0972

-0.0758

-0.1070

-0.0960

-0.0755

0.860

0.913

0.863

0.902

0.966

-0.163

-0.127

-0.166

~.158

-0.132

-0.160

-0.138

-0.186

-0.176

-0.138

- 4.4

1- 8.0

1-10.3

-10.2

- 4.3

','

-.-.
.,

-.

'''''-

I

2.34 0 64.9! 1.93

I ~ ! 12.41

2.]31 OJ 46

J

'. i :: I

1
2

.
41 I

2.34 0 40.4 1.62 i

It ],' 93
1

: 2.41 !

1.16

1.56

1.27

1.65

2.20

1.60

1.94

2.69

8.7

l
7.08

r

-0.0015

-0.0625

-0.0982

-0.0790

-0.0610

-0.0962

-0.0776

-0.0699

0.860

0.913

0.895

0.946

1.000

0.933

0.996

1,000

-·0.164

-0.133

-0.203

-0.172

-0.141

-0.210

-0.180

-0.140

-0.170

-0.156

-0.210

-0.187

-0.140

-0.229

-0.170

-0.165

- 3.5

-14.2

- 3.3

- 8.0

0.7

- 8.3

6.9

- 9.7

7.1.2.2-15
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TABLE 7.1.2.2-8 lCONTDI

(c / )
C/ Ct CtP theory

p P P e
ALE Airfoil A

(iit P)theory
Celc. Tnt Percenl

Ref. A ). (dllg/ M flcot ALE Section AYl (per ,-.ell (per red) (par red) Error
I---

23 3.07 0 , -45.0 , 1.62 1.27 =:eled 7.08 -0.0796 0.896 -·0.:118 -0.214 1.9

j j I
I I let Platlll

I Ii I 1.93
!

0.945 -0.181 -0.200 - 9.5, 1.66 -0.0627
I I

i 2.41 I 2.20 -0.0483 1.000 -0.148 -0.1" 2.8

I
I

3.02 0 33.4 1.62 1.93 6.08 -0.0778 1.000 -0.235 -0.225 4.4 I

I j I j
I

I
1.93 2.50 -0.0613 1.000 -0.186 -0.178 3.9 I

,
2.41 3.34 -0.0480 1.000 -0.145 --0.134 6.2 ,

I I1.88 0.26 33.6 1.62 1.93 6.0 -0.1292 1.000 I -0.243 -0.267 -' 6.4

1 I 1.93 2.50 I -0.1163 1.000 -0.219 -0.210 4.3 I
2.41 3.31 --0.0960 1.000 -0.180 -0.167 7.8

2.33 0.26 -45.0 1.62 1.27 7.08 -0.1163 0.895 -0.243 -0.240 1.3

I I 1.93 1.66 I -0.1032 0.945 ·-0.227 -0.236 - 3.4

2.41 2.00 -0.0823 1.000 -0.192 -0.186 3.2

2.41 0.26 27.3 1.62 2.46 5.64 -0.1172 1.000 -0.28'.1 ·-0.275 2.5

II 1.93 3.20 I -0.0990 1.000 -0.239 -0.226 6.2
I

2.41 4.26 -0.0780 1.000 -0.188 -0.178 6.6

~ 2.37 0.26 27.4 1.62 2.46 5.66 -0.1185 1.000 -0.281 -0.267 6.2

I I I 1.93 3.19 I -0.0998 1.000 --0.237 -0.218 8.7

2.41 4.26 -0.0790 1.000 -0.187 -0.173 8.1

3.22 0.26 21.2 1.62 3.28 6.36 -0.0965 1.000 --0.311 -0.317 - 1.9

1 1 1 1.93 4.26 ! -0.0776 1.000 -0.250 -0.:.'20 13.6
2.4; 6.66 -0.0606 1.000 -0.195 -("l75 11.4

2.32 0 60.0 2.41 1.27 10.0 -0.0651 0.866 -0.131 -0.138 - 6.1

I 2.81 0 66.0 1.93 1.16 8.75 -0.0858 0.860 -0.207 -0.167 24.0

1 I l t2.41 1.54 -0.0651 0.913 -0.167 -0.160 4.4

3.40 0 60.0 1.62 1.07 J.8 -0.0778 0.866 -0.226 -0.206 10.2

l I' I 1.93 1.39 I -0.0595 0.905 -0.183 -0.205 -10.7

2.41 1.84 -o.a.63 0.966 -a.149 --0.166 - 4.5

~"j
I
I

I
I
I
1

I

I
I

1
I
I
I,

I
J
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TABLE 7.1.2.2·8 (CONTD'

(C1 ) c, C
1

C1P theory
ALE

P P P •Airfoil A
(C1p)thtorv

Ctle. Tilt "'c:entHtf. A A- (d..' M ~cotALE Ste:tion .Vl. (per rid' (per I'IdI (per I'IdI Error

24 4.00 0 46.0 1.48& 1.1J97 Symmttricel 3.24 -0.07& 0.934 -0.280 -0.280 0
dbl.wtdgt
tic • 0.04

4.00 0 46.0 1.485 1.CJ97 Syrnmttricel 7.3 -0.075 0.867 -0.260 -0.230 13.0
dbl.wtdgI
tic • 0.09

4.00 0.50 9.5 1.70 • 8.21 SymmetriCII 2.67 -0.084 1.000 -0.336 -0.350 - 4.0

I j

dbl.wtdgt
tic • 0.046

1.486 6.56 j -0.100 1.000 -0.400 -0.405 - 1.2

1.414 5.98 -0.106 1.000 -0.424 -0.440 - 3.8

2& 3.70 1.00 0 1.80 00 &&AOO9 18.6 -0.101 1.000 -0.374 -0.342 9.4

1.50 -0.1075 1.000 -0.• -0.360 10.6

1.414 -0.1140 1.000 -0.423 -0.378 12.&

1.30 -0.1235 1.000 -0.467 -0.390 17.2

1
3.70 1.00 46.0 1.80 1.2& 6&AOO9 16.6 -o.11l1 0.812 -0.303 -0.310 - 2.3

I J I 1.50 1.12 t 1 -0.105 0.792 -0.308 -0.307 0.3
.•.-

~I.I
AVIfIIlI Error • --. 6.2%

n
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TABLE 7.1.2.2'<;

SUPER.,ONICWING ROLLING DERIVATIVE <::lp

SUBSONIC OR SONIC LEADING EDGE ..· .,
.'

...._-- _- ~.•_.._ __•__ _~~_..:-._~.._------- ...::.__~.A.-.....A... _. _ _ __....t...-.o.L...__ _ .:. .. ,. _ ..__ ~.... .. _ •.•.• _ ~ __ • ~

~,:.j
4•• ,

i

I
!

j
I
I

I
i
I
!
I
i
I
i.,

· :j
1
I

· . ,
DATA SUMMARY

I(C, ) C, C
1 C

1 I ei P theory p ... p

A,rfoil A (C)-- Calc. Tm IPercent
{J cot ALE Section AYl (per rad) I~~~ (por~perradl I Error

- -', :0.466 Beveled I 1.52 -0.0810 1.000 I -0.147 : -0.120 22.5
Flat Plate

I I I
3 0.600

I
-0.0795 0.922 -0.134 -0.114

;
17.5

i I

: I I
1 I 0.800 -0.0769 I 0.820 I --0.115 ·.{I.090 1 27.8

I

I I i
\Z 0.465 1.52 -0.0707 1.000 -0.165 -·0.092 79.3

I

I
j I

I

I3 0.605 I -0.0698 0.920 1 -0.150 -.{I.098 53.1

I
I I,

I
:

I
1 0.805

I
-0.0669 0.818 i -0.128 -0.080 60.0

I
I

2 0.595 I 1.22 -0.0797 0.914 -0.175 -0.140 25.0

!
! I :

3 0.770 i I -0.0770 0.850 I -0.152 -0.116 31.0
I II I1 1.000

! I
-0.0683 0.800

I
-0.127 -0.118 7.6

2
J

0.595 I 1.22 -0.0686 0,940 I -0.197 -0.143 31.8
1

I3 0.770 I -0.0662 0.850 -0.173 -0.116 49.1
I !

1 1.000 ! -0.0587 0.800 -0.144 -0.109
I

32.1

2 0.736 I 1.03 -0.0752 0.880 -0.203 -0.174 16.7

0.955 1 -0.0705 0.8:.!O3 -0.177 -0.158 ' 2.0

0.4fi6 1.52 -0.0937 1.000 -0.175 -0.098 78.6

3 0.600 I -0.0943 0.922 -0.162 -0.116 39.7

1 0.800 I -0.0916 0.820 -0.140

I
-0.086 I : .8

0.604 1.21 -0.1058 0.938 -0.183 I -0.187 - 2.1

3 0.782 I -0.1045 0.845 -0.162
I

-0.135 20.0

1 1.000 -0.0988 0.807 I -0.147 -0.113 30.1

2. 0.735 1.03 -0.1115 0.880 -.{I.1S7 -0.219 -lC.6

3 0.955 ! -0.1097 0.820 -0.171 -.{I.176 - 2.0

0.890 0.90 -0.1175 0.840 -0.188 -0.2:12 -15.3

2 O.4l(l6 1.52 -0.0605 l.OOO -0.191 I -0.142 )C.G

3 0.600

! I ·..().0633 0.922 -0.182 -0.118 I 54.2

1 0.800 j -0.00:1:2 0.820 -0.160 -0.098 66.7--_.
2.4

1.6

un

1.9

2.4

1.9

1.9

1.9

1.6

\,.9

I
V'

I 1.6
I

I• 1.9

I
j1.62

1.9

60.0

1
0.25 155.0

0.25

!

o El6 •.0

I I I

. 1.62

2.4

I I
!
I 3.06

I
I
1

,

.
90

I 1
1l.91
I 2.37 0.25 70.0

I I I

LIJIJ
l"IT'f TI::

12.34 0 00.9! 1.1

I I I I 1 •.
9

2.4

2.33 0 I 65.n 1.6

I i I
1 •

.'

•

t.- ..

•

.....

....-

'.

•••

"

"
•

:.
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TABLE 7.1.2.2-<: (CONTO)

(C, ) C, C, C,P th_v •P P P
ALE Airfoil A (C,p)thlOfY calc. Test Perctnt

Rtf. A A (dill M ,cot ALE Sldion 6vl (per filii lper rid) lper rid) Enor

I
I

23 2.:M G.2I • .0 U2 0.- Bewled 1.22 ~.CJ155 O.tMO ~.210 ~.183 !4.8

I I I
Flit PlIte

I1.13 0.710 ~.:M 0.850 ~.186 -0.127 46.5

2041 1.1100 ~Jl8lO 0.800 ~.163 -0.127 28.3,
I 2.37 G.2I H.o 1.12 0.112 G.IO ~.1012 0.840 -0.218 -0.221 -1.4

I
i3.01 G.2I ••1 U2 0.112 1.22 -O.G121 0.110 ~.231 -0.155 54.2
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I
........
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7.1.2.3 WING ROLLING DERIVATIVE Cnp

This section presents methods for estimating the wing contribution to the rolling deriwtive Cn at
subsonic and supersonic speeds. This derivative is the change in yawing-moment coefficient with chInge
in wing-tip helix angle and is expressed as

=

a(~)2Voo

A SUBSONIC

The wing rolling derivative Cn results because the unsymmetrical lift distribution causes a difference in
drag between the wjngpaneIs :hen the wing is rolling.

The method for estimating the wing rolling derivative Cnp .is derived from an analysis of references I
through 5. The method is applicable over the Iift-eoefficient range up to the stall, pro-riding reliable
values of lift and drag are available over this range.

The value of Cn near zero-lift coefficient is the potential-flow value based on simple-sweep theory
from reference r. The effects of linear wing twist and symmetric flap deflection are taken from
references I and 3. Geometric dihedral also causes an increment in yawing moment that is associated
with the inaement in lateral force. The empirical results of reference 4 show that this increment :s
independent of lift coefficient over the low to moderate Iift-eoefficient range and increases at the higher
vilues of lift coefficient. However, over the range of wing dihedral angles of practical interest the
inaement in Cnp due to dihedral is very small and may be neglected.

At moderate or high lift coefficients, a comparatively large change in Cnp/CL occurs, especially for
swept wings, due to the rise in drag associated with the increase in lift. In references 2 and 5, methods
are presented for evaluating Cn~ over the lift-eoefficient range up to the stall by using a correction
factor to account for the variation of profile drag with lift coefficient. Results obtained by using the
methOds of ~th references 2 and 5 for estimating Cnp over the Iift-eoefficient range have been
analyzed and the method of reference 5 selected for the Datcom.

Theoretically, the liposuction contribution to the lateral force also contributes to the yawing moment.
Since this contribution is inversely proportional to aspect ratio, the increment in Cnp due to tip suction
becomes quite significant for highly swept and/or Iow-aspect-ratio planforms. A comparison has been
made of Cn calculated with and without the tip-suction effect of reference 5 with test results. In alt
cases better :zreement was obtained when the tip-suction effects were neglected. The analysis indicates a
loss in tip suction particularly at the higher lift coefficients. Therefore, the effect of tip suction has ~CI1

omitted from the Datcom.

If experimental lift and drag data for. the particular planform of interest are not available at the cnosen
Mach' number, no attempt should be made to estimate the variation of Cnp with lift coefficient. No
known general method for estimating the variation of drag coefficient will give results reliable enough to
use in determining the correction factor for extrapolating the potential-flow values to higher lift
coefficients.

7.1.2.3-1
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OATCOM METHOD

The variation of the wing rolling derivative en with lift coefficient at subsonic speeds, based 011 thr
prodl1ct of the wing area and the square of the ting span Sw b~ , is given by

c = -CI tan (){ - K [-C I p tan a'n p p

(per radian) 7.1.2.3-a

"
.' where

is the roll-damping derivative at the appropriate Mach number estimated by using the
method of paragraph A of Section 7.1.2.2.

. ', .
;'.. is the angle of attack in degrees.

.)
• i

I
i

I
I

, I
.j
I
I
!

I
1

I
I

~l
I,
i

I
.j

(per radian)
7.1.2.3-c

... ~. - ' ....., ..... '... ••• .. .'. w

(
X tan Ac!4

1 .A+6(A+cosAc/4 ) ~ A

6 A + 4 cos Ac / 4

:::::

is the slope of the low-speed yawing moment due to lOlling at zero lift
given by

7.1.2.3-b

::::: (A + 4 cos Ac!4 ) tAB +~ (AB + cos Ae!4) tan
2

AC !4

J
(Cnp.)

AB +4 cosAI" C
c!4 A+-(A'rcosA )tan"'A, L cL"o

2 c!4 c,4 M"O

where B ::::: v'1-M2 cos2 Ae !4 and

(:~t ·0
L
M

CL is the lift coefficient.

( C
n

, ) ~ the slope of the yawing moment due to rolling at zero lift given by
CL cL-o

M

7.1.2.3-2
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where x is the distance from the center of gravity to t~ aerodynamic
center, positive when the a.c. is aft of the e.g. and c is the, wing mean
aerodynamic chord. Equation 7.l.2.3-b modifies the low-speed value of
equation 7.1.2.3-c by means of the Prandtl-Glauert rule to yield approxi
mate corrections for the rll'st-order three-dimensional effects of compress
ible flow up to the aitical Mach number.

is the effect of linear wina twist obtained from rllure 7.1.2.3-12.

is the wiftl twist between the root and tip stations in degrees, negative for washout
(tee rflUl'e 7.1.2.3-12).

is the effect of symmetric flap deflection obtained from rllure 7.1.2,3 -13.

is the streamwile flap deflection in dearees.

is the two-dimensional Iift-effectiveness parameter a, obtained from section 6.1.1 .1 .

..
is a dimelllioniesl correction factor uted to extrapolate the potential-flow values to
hiIh lift coefficients. This is the same correction factor used in!Section 7.1.2.1 to
account for the variation of profile draa with lift coefficient. At zero lift this factor
is taken I' 1.0. At lift coefficients other than zero this factor accounts for the
...tion of profile draa with lift coefficient and is Jiven by

7.1.2.3-<:1

Test values of lift and draa at the chosen Mach number for the particula~ planform
of interest must be used in evaluatina equation 7.1.2.3-d. The terms of this equation
are evaluated by takina the slopes of CL tana, (CD - CDO)' ahd CL 2/(lI'A). plotted
ftl'SUS lillie of attack.

If reliable values of the static-force coefficients are available, the method should: provide results withl!~

:t20 percent accuracy throughout the lift-eoefficient range to the stall.

7.1.2.3-3
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Additional Characteristics:

Given: The wing designated 45-4.0-0.6-006 of references 5 and 8.

j

I
I
I
I
I

'. ,, I

',., ~

i

i

i
I

t,1, 1
I
I
i
I

I.

8 ::;: 0A = 0.6

I \
I I I I I

.1 I .2 .3 .4 .5 .6 I .7 .75
I

I :oI_

I i I

i 1.70 I 3.30 ! 4.90 6.55 8.00 9.60 11.80 13.20
I

11 I .012 !
I

.016 I .024 .040 ! .063 .094 .138 I .170
I

,

.3141 ~ I~ I~ .326
!

14 1- .313 .312
I

.325 .280 - .181 .- .1561- -

NACA 65A006 Airfoil x: ::: 0 [origin of moments (e.g.) located at x•. c .]

A ::: 4.0

S = 2.25 SCI ft b :: 3.0 ft

The following values of a and CD are t:!st results from reference 8. The variation of Cl p

with CL has been calculated llsing the method of paragraph A of Section 7.1.2.2.

M = 0.70; ~ '" 0.714

-==-+0
--~~

Co 10
C J -.3

p

Wing Characteristics:
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Compute:

D . th 1 f th' t d . I" t ",_, ( Cl\p)etermme e s,ope 0 e yawmg momen Ul;110 ru llng a l.'::ru IlIl\--'
CL C "'0L

M

(
x: tan Ac/4 tan! Ac14)

A + 6(A + cos Ac/4 ) ~ A + 12
----------- (equation 7.1.2.3-c)

A +4 cos I\c/4

!
'., j

".

~ .• (
tan2450)

1 4.0 + 6 (4.0 + cos 450 ) 0 + 12 -

=
6 4.0 + 4 cos 450

.... .~
'."

=
6

4.0 + 6 (4.7071) (0 + 1
1
2)

~ -0.1 S5 per rad
4.0 + 2.828

r'e
~:-" 7.1.2.3-4
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A + 4 cos I\c/4

AB + 4 cos 1\"/4

4.0 + (4.0) (0.707\)
=

(4.0) (0.87) + (4.0) (0.7071)
6.828

;; --- =
6.308

1.082

1

'1

\ 2
AB + 2" (AB +cosl\c/4) tan 1\/4

I
A + - (A + cos /\ ) !an2 /\2 cf4 cf4

:: (. A + 4 cus "c i 4 )

AB + 4 cos Ac/4

I
(4.0)(0.87)+'2 [(4.0)(0.87)+0.70711 (I)

;::

\
4.0 + 2" [4.0 + 0.7071 ] (J)

5.574= -- ;:: 0.877
6.354

[AB + ~ (AB + cos Ac/4) t30
2

Ac/ 4] (.Cnp )

L 1 2 Cl C =0
A + 2" (A + cos Ad4 tan Ac/4 ~ =0

(equation 7.1.2.3-b)

'"
= (1.082)(0.877)(-0.\55) = -0.147 per rad

Detennine the K factor

I

a
- (C tana)-·oC¥ L

K -------------
3

- (C tana)aC¥ L

(equation 7. 1.2.3-d)

Co Co - Co 2
tan Cl Cl. tin ex 0 Cl {lirA)

tin ® (i)@ TltSt ® -0.011 . (!)21/4Jf)-- .-
0 0 .011 (J 0

.02968 .00297 .012 .ocn .~O

.05766

I
.011&3 .016 .005 .00318

.08573 .02572 .024 .013 .00716

.1148 .04592 .U40 .029 .01273

.1406 .07C121 .063 .lli2 I .01990

.1691 .101'S .004 .al:! 02860

.2Q89 .1462 .138 .127 .03900

.2345 .1158 .110 .151 .04478

170

9.60

8.00

4.90

3.-*

6.55

11.80

13.20
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12

.699

.826
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108
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.0019
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.0014

.0036

4

.0033

.00755

2

Plot CL tan a • Co - CDo ' and CL 2 /(ftA) versus angle of attack (see sketch (a».

®

Ci (deg)

SKETCH (a)

>1
., I
.2

I

r---~'------r'-'-----"'------''''''------'---

a . a _8 (C, 2) K
-(CLt.na ) I -tCo-c ) -- l@-@l/l@-@l
00' OCl' \: DO 00' rrA (, 2 3 )I 1q.7... .<J

oJ--=~====:::;:::::::'-_---...----,----...---
o

' .

t.

'.
I
I

I

!-
,
I

;,r.
r

. .

.3 .01065 .0069 .0030 .483

.4 .0128 .0040 .154

t. .5

.6

.0"20

.0195

.0113

.0195

.00516

.0051

.- .008

o

.7

I
.75 I..

.0212 .0215

.0216 .0220

- .018

- .023

'.
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The calculated results are compared with test values from reference 5 in sketch (b) .

(equation 7.1.2.3-a)

®®

-o Test points
-- Calculated (:)

-:'

~V -e

- ./
""'<.<J.... r.. " ..... ......

. 10

C
n p 0

(per rad)

:: -C{ tanQ'-K [-C1 tana-(-0.147)CL ] =-C/ tan a (I·-K)-0.147C K
p p p L

c.,p
c1

C -c1 tanal1-Kl be_donSw~p
Sec. 7.1.2.2 lp tina 1-K p 0.'4~ eq.7.1.12.3-4I

CL (pttr 11Id) (3) tina K 1-0 -0® 0.147 4 1 I~rradl

®-Q)

0 -.314 0 1.00 0 0 0 0

.1 -.314 -.0093 .826 .174 .00182 .0121 -.0105

.2 -.313 -.0180 .699 .301 .00542 .0206 -.0152

.3 -.312 -.0267 .483 .517 .0138 .0213 -.oem;

.4 -.326 -.0374 .154 .846 .0317 .0091 .0226

.5 -.325 -.04f,7 -.008 1.008 I .0460 0 .0460

.6 -.280 -.0474 0 1.00 .0474 0 .0474

.7 -.181 -.0378 --018 1.018 .0385 -.0019 .0404

.75 -.156 -.0366 -.023 1.023 .03714 -.0025 .0399•
!

Solution:

en
p

~ .
/.
, 4

,

t.>
t.·.·:.··.

l.

.2
r-----.__----.....,..,..r------.,..------,

.4 .6 .8o

-.to

" I

Cl

SKETCH (b)
'.
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The design charts for wings with subsonic leading edges give values of CII that are referred to body
axes with the origin located at the wing apex. The design charts fur wings ~ith supersonic leading edges
give values of Cnp that are referred to body axes with the origin located at the projection of the
leading edge of the tip on the wing root chord. The Datcom method presents transformation formulas
for conversion from body axes to stability axes with the origin located at an arbitrary distance from the
leading edge.

No generalized method is available in the literature for estimating transonic values of the rolling
derivative Cn p' Furthermore, no known experimental results are available for this derivative at transonic
speeds.

At supersonic speeds design charts based on theoretical calculations are presented for estimating the
rolling derivative Cnp at low values of the lift coefficient.

The design charts are based on the results of reference 6 for wings with subsonic leading edges and
supersonic trailing edges, and on the results of reference 7 for wings with supersonic leading edges and
either subsonic or supersonic trailing edges. The results of both references 6 and 7 are based on
llnearized-supersonic-flow theory and are therefore restricted to thin, swept-back, tapered wings with
streamwise tips. The yawing moment due to rolling is taken as that arising entirely from suction forces
on the wing edges. For wings with supersonic leading edges no suction forces are induced along the
leading edges; consequently, the determination of Cnp involves only the unbalanced suction forces
along the wing tips. Therefore, no design chart is presented for zero-taper wings with supersonic leadinc
edges, since the theory gives Cnp = O.

C. SUPERSONIC

, "

"I
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ill No experimental data are available for this derivative at supersonic speeds. Therefore, the validity of
linearized-supersonic-flow theory for estimating Cnp cannot be determined.

'.. " -.

b',,".

~'..
DATCOM METHOD

Subsonic Leading Edges (J3 cot ALE < I)

For wings with subsonic leading edges the contribution to the rolling derivative Cnp at supersonic
speeds, and at low vall.les of the lift coefficient is given by

7.1.2.3-e(per radian2 )
A(l +}.,)

= (C:p
)

body
III is

" ,

~: .

.. ,

.,
\

is the supersonic yawing moment due to rolling referred to stability axes with the
origin at the center of gravity.

'. ": '
~ ~ .~-.

""" - ---
I '

~c'

where

c
~
a

7.1.2.3-8
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is the supersonic yawing moment due to rolling referred to body axes with the
origin at the wing apex, given by

" o(

(;p)
body
axis

where

(per radian2 ) 7.1.2.3-f

(Cnp
)

a 1
is obtained from figure 7.I.2.3i-14a through 7.1.2.3 ·14d as a function of
PA,13 cot ALE, and taper ratio. For X= 0, (Cop/a) 1 =O.

and (C
n

p) are obtained from figure 7. I. 2.3 ·16 as a function of
a 3

13 cot ALE'

-rr,
.-

Cy
p

a

a

is the distance from the wing apex to the center of gravity in root chords, positive
when the e.g. is aft of the wing apex.

is the supersonic side force due to rolling obtained by using the method of paragraph
C of Section 7.1.2. I.

is the supersonic roll-damping derivative obtained by using the method of paragraph
C of Section 7.1.2.2.

is the supersonic yaW-damping derivative. It is negligible except for very low-aspect
ratio wings. References are noted in paragraph C of Section' 7.1.3.3 that outline
approximate methods that may be used to determine this derivative.

is the angle of attack ill radians.

r, Supersonic Leading Edges (/3 cot ALE > I)

For wings with supersonic leading edges the contribution to the roIling derivative C
n

p at supersonic
speeds and at low values of the lift coefficient is g;.en by

C~p _(C~p)
body
axil

[
2 xc .s_ I J

+ - -- tan AA(I + X) 2 LE

CY
ki

Q! (per radian2 )

7.1.2.3.g

,..
t·
~
(
'~ .
(

c, 's 'd.:

7.1.2.3-9
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Sample Problem

The remaining terms in equation 7.1.2.3-g are defined under the subsonic-leading-edge case.

-1
~

, -.1
, -'

. .. ,'.

= 46.80

(supersonic leading edge)

= 0.742

::: 55.20

• • - • ... .. .. ..... - '. - M h- .. - ,

1.522

7.07

2.19

"' ••• ""f, • _ "'-- ...

x = 0.25

is the supersonic yawing moment due to roUing referred to stability axes with the
origin at the center of gravity,

is the supersonic yawing moment due to rolling referred to body axes with the
origin at the projection of the leading edge of the tip on the wing root chord. It is
obtained from figures 7.1.2,3-17a through 7.1.2.3-17d as a function of (3A, ~ cot
Au:, and taper ratio. No design chart is presented for zero-taper wings
since (Cnp /OI)bo.dY :=: 0 for these planforms. For wings with taper ratios less than

a XIS

0.25 (A < 0.25) values of (Cn /OI)body should be obtained by extrapolating values
P axis

from figures 7.1.2.3-17a through 7.1.2.3-17d.

A ::;: ".22

(3 cot ALE = (2.19) (cot 55.20 ) :::

M -- 2.41; 13 ::

~A :: (2.19) (3.22) =

(C~p)
body
axis

Ir • ~' , ~ _ ..

where

Compute:

Given: Tapered, swept-back winf

~ :.... "'.

..
I...... "

I.: _' ':-
I.......• ....

cYp
(i"'"""" = 0.50 per rad2 (figure 7.1.2.1-10)

. -J.,
I

(figure 7.1.2.2-25b)= -0,066 per rad

.1

l
I
I
I
I,

(figure 7.1.2. 3--17a)

3.433

:= -0.0114 per rad 2

:= 0.22) (tan 46.80 )

(C:p )

body
ax is

c,
p

A

.: .

. -,
..r ...'.'.

7.1.2.3-10
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Pinsker, W.: Ttle Aerodynamic Coefficients of Free Lateral Motion. DVL. UM 1144/1 and 1144/2,1943. (U)

Toll, T. A., .nd QUlljo, M. J.: Approxlrrwt. Allatlons .nd Ctlarts for Low-SQeId Stability and Control DariVlltilleS of S-pt Wings.
NACA TN 1581,1948. lUI

..' .'1

(equation 7.1.2.3-g)
Cy

p

a

.. y..4

REFERENCES

beferred to stability axes with origin at xq . and based on Swb~)

=: -0.213 per rad

[
2XC •8 . I ]+ - - tan /\
A(1 + A) 2 LE

=: -0.0114 + [0.3687 - 0.7194] 0.50 + 0.213

= (C:p
)

body
axis

= 0.026 per rad2

= -0.0114 + [ 2 (0.742) _..!.. tan 55.20] 0.50 - (-0.213)
3.22 (1 + 0.25) 2

"" (-0.066) (3.22)

•

Clueljo. M. J., and Jaquat, B. M.: Calculated Effects of GllllmetriC Dihedral on the Low-Speed Rolling DerivativlIS of Swept Wings. NACA
TN 1732.1948. lUI

Goodman, A.. and Fi5her, L. A.: In-vestigation at Low Speeds of the Effect of Aspect RlItio and Sweep on Rolling Stability Derivativ85
of Untapel1ld Wing5. NACA TR 968, 1950. lUI

Margolis. K.: Theoretical Cak:ulBtions of the Lateral Force and Yawll'll! Moment Due to Rolling at Supersonic Speeds for Sweptt)8tk
Tapered Wil\1S With Stl1lamwise Tips. Subsonic Leading Edges. NACA TN 2122, 1960. lUI

Wiggins. J. W.: Wind-Tunnel Investigation of Effect of 9Neep on Rolling DllI"ivatives at High Angles of Attack up to 130 and at High
Subsonic Mach Nunilers. Inl'ludinga semiempirical Method of Estimating the Rolling Derivatives. NACA TN 4185. 1958. (U)

Harmon, S. M., and Martin, J. C.: Theoretical Calculations of the Lateral Force and Yawing Moment Due to Rolling at Sllpersonic
Speeds for SNeptback Tapered Wings With Streamwi9ll Tips. Supersonic Lllading Edges. NACA TN 2156, 1950. (Ul

Kuhn. R. E., lind Wiggins, J. W.: Wind-Tunn~llnvestigation of ttle Allrodynamic Charecteri3tics in Pitch of Wing-Fuselage ('..ombinetion.
lit High Subtonic Speeds. Atpect Ratio Series. NACA AM L52A29, 1~5:Z. lUI
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7.1.3 WING YAWING DERIVATIVES

7.1.3.1 WING YAWING DERIVATIVE Cy
f

This section recommends methods for estimating the wing contribution to the yawing derivative
Cy r at subsonic and supersonic speeds. However, at subsonic, transonic, and supersonic speeds
no generalized methods are available for estimating the wing contribution to Cy f' This derivative
is the change in side-force coefficient with variation in yawing velocity and is expressed as

I
c =

Yf

i.
1'--
I'

A. SUBSONIC

TIle wing contribution to Cy r is best evaluated from available ei\perimental data (see table 7-A
and references 1, 2, 3, and 4), since no generalized method is availab;e in the literature.
However, a method is available in rderence t for wings with a taper ratio of one and moderate
sweep at low subsonic speeds. The range and accuracy of this method aft': hmiied and generally
inadequate for making reliable estimates of the wing contribuhon.

Since the wing contribution to Cy r is usually quite small in comparison to the vertical-tail
contribution, it is sometimes neglected.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the wing
contribution to the yawing denvative Cy f' Furthennore, there is a scarcity of experimental data
for this derivative at transonic speeds.

C. SUPERSONIC

No generaiized method is available in the literature for e!)timating supersonic values of the wmg
contribution to the yawing derivative Cy r' A few theoretical methods are available for specific
configurations (see table 7-A). Although the use of experimental data for a similar confJguration
is preferable to theoretical methods, experimental data are so scarce that the use of the limited
theoretical methods becomes the only alternative for most confIgurations.
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7.1.3.2 WING YAVflNG DERIVATIVE e'r

This section presents a method for eStimating thl~ wing contribution to the yawing derivative C" .at
subsonic speeds. No generalized methods are available for estimating Clr at transonic and supersonic
speeds; however, theoretical methods for determining this derivative at supersonic speeds for special
classes of wing planforms are discussed. This derivative is the change in roDing-moment coefficient with
change in the yawing-velocity parameter and is expressed as

A.-SUBSONIC

C" r =
ac,

a(~oo)

~
I

I

i
i
i-.I .
I.~ .~

The wing yawing derivative Clr results from the lift differential between the wing panels when the
vehicle is yawed about its vertical axis.

Over the range of lift coefficients for which c'r is linear with CL, the derivative Clr for wings without
geometric dihedral, twist, or flaps is based on the lifting-line theory of reference 1 for aspect ratios
greater than three and on the experimental data of references 2 and 3 for aspect ratios less than three.
The increment in c'r due to geometric dihedral is taken from reference 4. The effects of symmetric
flap deflection and wing twist are taken from reference I.

In addition to the increments in Clr due to dihedral, twist, and flaps, an additional increment
in Clr arises due to Cy r if the center of gravity does not lie at the same height as the quarter-ehord
point o( the wing MAC. This contribution is obtained from the expres~on

z
tt..C , ) = -C -
\: r side force. Yr b

where z is the vertical distance between the center of gravity and the quarter-chord point of the wing
MAC, positive for the e.g. above c/4. The side force due to yawing Cy r is small except at high angles
of attack. Therefore, this increment in c'r is omitted from the Datcom method.

The fore and aft movement of the center of gravity also affects c'r' but this effect is neglected because
of the questionable accuracy of the basic effect of wing sweep.

The method of reference' 5 is applied to extrapolate the potential-flow value of Clr to higher lift
coefficients. The method is semiempirical in that it requires test values to determine the correction
factors to be applied to the theory. Analysis of experimental data shows that the discrepancies between
theoretical and experimental values of e/r for wings are simita.r to the discrepancies between theoretical
and experimental wlues of the static derivative C'I Based on this analysis, a correction factor is applied
in reference 5, which is the increl.·-:ntal value of Cl~ obtained by subtracting the experimental value
from the theoretical value.

7.1.3.2-1
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DATCOM METHOD

The variation of the. wing yawing derivative C, I with lift coefficient, based on the product of the wing
area and tile square of the wing span Sw b~, is given by

to

7.1.3.2-a

(per radian)(.o.c I ) (.o.e I ) ~ .o.C I ](AC
l

) + __r r + __r () + r_ f. OCX) 8
f

I CL r () (OCX) 8 \ i)8 f

38 f
f

( CC
/I

) is the slope of the rolling moment due to yawing at zero lift given by
L C -0

L
M

Experimental data indicate that for unswept wings Glr is nearly proportional to the lift coefficien. until
maximum lift occurs. For sweptuack wings, a linear variation is obtained over only a limited lift range,
which is reduced as sweep increases. At high lift coeff~cients elr decreases, and for sweptback wings
may become negative near maximum lift.

If reliable values of the rolling moment due to sideslip Gp are available, the method should provide'
results within ±2o-perc~nt accuracy over the lift-coefficient range for which Glr is approximately linear
with CL.

where

~
(-
~~ .'.

~" ..

t
~
...
- .

.. ".

~' .. :
i'"' ....
~ -~

·~ ... '

r..:>

~
, .

I~

I.

~.,. -· .·.... ~ .
• 0

A( I - B2 ) AB + 2 cos Ac/4 tan2Ac/4

I 1+--+ --( ).(C, ) 2B(AB+2cosA,/,) AB+4cosA", 8 C,
C: c c: -------A-+-2-c-o-s-A-c-/4--ta-r-12-A-c-/-4----.-- eLI c = 0

L 1+' L
M A+4cosAc/4 8 M=O

7.1.3.2-b

~> '.

to
~ ..'-

-.
is the slope of the low-speed rolling moment due to yawing at zero lift,
obtained from figure 7.1.3.2-10 as a function of aspect ratio, sweep of
the quarter-chord, and taper ratio. This chart has been derived by using
the results of references I, 2, and 3. Equation 7.1.3.2-b modifies the low-
speed value by means of the Prandtl-Glauert rule to yield approximate
corrections for the first-order three-dimensional effects of compressible
flow UP to the critical Mach number...- .
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c;. is the wins lift coefficient.

(ACZ ) is a semiempirical correction factor used to extrapolate the potential-flow values of
r cL C I r to higher lift coefficients. This parameter is given by

where

(per radian) 7.1.3.2-e

,... ..;,

is the theoretical value of the slope of the rolling moment due to sideslip
at zero lift obtained by using the method of paragraph A of Section
5.1.2.1, neglecting the effects of twist and dihedral. In applying this
method the compressibility correction to the sweep contribution should be
considered.

(C, ) is the experimental value of the rolling moment due to sideslip at the
, tut appropriate Mach number.

r is the increment in C'r due to dihedral, given by

AC'r . I 11' A sin Ac/4
-=

r 12 A+4cosAc/4
(per radian2) 7.1.3.2-d

r is the geometric dihedral angle in radians, positive for the wing tip above the plane of
the root chord.

AC,
r

8

9

AC,
r

is the increment in C'r due to wing twist obtained from fJ.gUre 7.1.3.2-11.

is the wing twist between the root and tip sections in degrees, negative for washout
(see fIgUre 7.1.3.2-11). .

is the effect of symmetric flap deflection obtained from fIgUre 7.1.3.2-12.

is the streamwise flap deflection in degrees.

7.1.3.2-3
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is the two-dimensional lift-effectiveness parameter 01(, obtained from Section 6.1.1.1.

The expression given for the effect of dihedral (equation 7.1.3.2-<1) is based on an extension of the
simple-sweep theory of reference 6. It has been shown by comparison with test data thal the increment
in CIr due to dihedral is underestimated by equation 7.1.3.2-<1. However, it has not been possible to
improve upon the simple-sweep-theory result beC2.use of a Jack of experimental data.

Furthermore, not enough da~a are available to examine the validity of the lifting-line-theory results
presented for the increments in Cl

r
due to either twist or flap deflection.

A comparison of the slope of the rolling moment due to yawing at zero lift, obtained by using figure
7.1.3.2-10, with test results is presented as table 7.1.3.2-A.

The sample problem illustrates the application of the method over the lift-coefficient range to the stall.

Sample Problem

Given: The sweptback, un tapered wing of reference 4.

The following test values from reference 4:

~

l' ,

~
~ .. ~

, ".
~. ~ .. ' .

Wing Characteristics:

A = 2.61 A =

Additional Characteristics:

Low speed; M :::::; 0

1.0 r = 100 6 = 0

1.11.0.9.8.7,_+-_o__~ .1.-+_,._2-+_._3--j-- .4 I ,_,5-4-__,_64-

C/ -+o -.0458 -.1031 -.140 -.176 -.2061--.235 -,260 -.274 -.260 -.211 -.102 .0287
(per rad)

,. .,

". Compute:
t: .:
~.
~.

,,
( C

lr
\ = 0.419perrad (tigure7.1.3.2-l0)

(1. IcL"o
M=O

":'

~.-
I:
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(equation 5.1.2.1-a)

(figure 5.1.2.1-28b)

(figure 5.1.2.1·27)

•

= -0.0082 per deg

= (-0.0038)(1.0)'" (-0.0044)

Neglecting the effects of twist and dihedral

KM = 1.0 (figure 5.1.2.1-28a for M ~ 0)
A

(~'). = -0.0044 per deg

( ~lp)
'1.. = - 0.0038 per deg

I\. c/2

Detennine the theoretic.al value of Clp/Q (Section 5.1.2.1)

',.

, .

,, .
I.

[ .
l
" .

I" _,

= -0.470 per rad

-..

'..
(equation 7. 1.3.2-c)

"

=: C (-0.470) -- (C I ) (see calculation table)
1. fl test

"

7.1.3.2-5



r ,',
I" " '
I'

I :'
1.:--:.
I .'
!'" .- •
t. - ..

== 0.0884 per rad2

~C,
r

r
1 11' A sin Ac/ 4

==
12 A + 4 cos Ac/ 4

1 11'(2.61) (sin 450 )
= =

12 2.61 + 4 cos 450

(equation 7.1.3.2-d)

1 11'(2.61) (0.7071)

122.61+4(0.7071)

Solution: ..

10= C
L

(0.419) + lCL (-0.470) - C, 1+ (0.0884) -
{J test 57.3

(equation 7.1.3.2-a)

~::.) CL (~9CL (~CI~CL
C,

r 2
(based on SwbW )

IfJ C
L

~ 0 (eq. 7.1.3.2·c) (@.,.3.2'.)
est) MeO

-0.470 CD
(!).- ® @ + 5 + 0.0154

rad) 0.419 <D (per red) (per radl

-
58 0 0 .0458 .0612

1031 .0419 -0.0470 0.0561 0.1134

1400 .0838 -0.0940 0.0460 0.1452

1760 .1267 -0.1410 0.0360 0.1761

060 .1676 -0.1880 0.0180 0.2010

350 .20:l5 -0.2350 0 0.2249

600 .2514 -0.2820 -0.0220 0.2448

740 .293.'3 -0.3290 -0.0650 0.2537

600 .3352 -0.37 60 -0.1160 0.2346

11 () .3771 -0.4230 -0.2120 0.1805

1020 .4190

1~4700
-·0.3680 0.0664

287 .4609 -0.5170___ -0.5-157

I
--0.0694

-- -
o

-.2

-.

-.2

-.04

-.2

-.2

-.2

-.2

(t
(per

C

= 0.419 CL + (-0.470 CL - C , I + 0.0154
(J test

CL

0

.1

.2

.3

,

.5

.6

.7

.8

.9

I1.0

1.1 L_
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-.1

-.1

.3

.2

2

o Test points
-- Calculated

.~.)
...........

.~(.)~.r"'· \
/....-< :\ .)

~.) \
--

/

-V~ .)

\
0

~.

\
0 .2 .4 .6 .8 1.0 \ 1.

CL ,

~
.

C,
r .1

(per rad)

o

The calculated results are compared with test values from reference 4 in sketch (a).

..
:

~~
..

-
· .

"..' -
·" "

J

,

• SKETCH (a)

... - '

B. TRANSONIC

•
In the transonic speed regime no theoretical methods are available for estimating the wing yawing
derivat Ie qr' Furthermore, no known experimental results are available for this derivative at transonic
spef.lds.

C. SUPERSONIC

•
No g ,leral method is available for evaluating the wing contribution to the yawing derivative e'r at
supersonic speeds. However, methods are presented in references 7, 8, and 9 for evaluating e'r .,for
special classes of wing planforms. The results presented in these references are based on supersonic linear
theory. The methods are restricted to estimating e/r over a limited range of Mach numbers for
zero-thickness wings with no dihedra~. Furthermore, the method~ are considered tentative, since the
spanwise variation of Mach number in the case of yawing has been neglected.

7.1.3.2-7
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TABLE 7.1.3.2·A

SUBSONIC WING ROLLING MOMENT DUE TO YAWING

DATA SUMMARY

--....
C/ICL Cl,C Lr r •he/I, Cllc. Test Percent

Rit. A " (deeI (per Illdl (per rlldl Error

10 2.61 1.0 46.0 0.419 0.415 1.0

11 4.00 0.80 4t\.O 0.413 0.396 4.3

12 UIO 0.473 -3.5 0.240 0.225 6.7

13 1.34 1.0 60.0 0.445 0.470 - 5.3

1 5.16 1.0 0 0.260 0.220 18.2

2 1.34 1.0 0 0.195 0.161 21.1

,
46.0 0.353 0.350 0.9

2.61 0 0.230 0.260 -11.5

• 60.0 0.526 0.&68 - 5.9

5.16 45.0 0.475 0.480 - 1.0

l 80.0 0.596 0.550 8.4

5 2.61 0.50 45.0 0.365 0.300 21.7

I ,
0.25 46.0 0.302 0.315 - 4.1

2.31 0 52.2 0.295 0.:085 3.5
1..---.- .

-"~

1: lei
Ave... Error • - • 0.1"

n
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7.1.3.3 WING YAWING DERIVATIVE Cnr

This section presents a method for estimating the wing contribution to the yawing derivative Cnr at
subsonic speeds. No generalized methods are available for estimating Cnr at transonic and supersonic
speeds; however, theoretical methods for determining this derivative at supersonic speeds for special
classes of wing planforms are discussed. This derivative is the change in yawing-moment coefficient with
change in the yawing-velocity parameter. It is commonly referred to as the yaw damping and is
exprested as

A. SUBSONIC

The wing yawing dc:.-ivative Cnr is due to the antisymmetrical lift and drag distributions over the wing
resulting from the yawing velocity.

The wing contribution to the yaw damping in the range of lift coefficients for which Cnr varies linearly
with CL is composed of two major contributions; namely, that resulting from the drag due to lift and
that resulting from the profile drag. The contribution resulting from the drag due to lift is given to a
f"U'St approximation by the simple-sweep-theory result of reference I. It is a negative quantity except for
hilhly swept wings in which case it can become positive.

The increment in CDr due to. profile drag is also taken from reference 1. Althoueh the spanwise
distribution of profile drag is required for an accurate determination of the effect of profile drag
on CDr' the profile drag has been assumed constant over the wing surface in the analysis reported in
reference I. This approximation greatly simplifies the analysis, since it allows the profile-drag effect to
be expressed as a function of only the wing geometry.

Flaps and wing twist will also induce increments in CDr' primarily as a result of their influencing the lift
distribution across the span. However, the technique of the superposition of lift distribution propor
tional to angle of attack, which was used to determine the effects of either flaps and/or twist on the
rotary derivatives CDp and Cir , cannot be applied in this case. The contribution of the drag-due-to-lift
component to Cn r increases as the square of, the angle of attack. Therefore, a breakdown of the lift
distribution proportional to angle of attack is not possible. No methods are available in the literature for
estimating the effects of flaps or wing twist on the wing contribution to CDr' Fnrthermore, not enough
test data are available to allow derivation of an empirical method.

The wing side force due to yawing Cy r will also produce a yawing moment when the center of gravity
does not tie at the same longitudinal station as the quarter-ehord of the wing MAC. However, the side
force due to yawing is small except at hilh angles of attack; consequently, this increment in Cn is
omitted from the Datcom. r

Experimental data indicate that for unswept wings the yaw damping is nearly proportional to the lift
coefficient until maximum lift occurs. On the other hand, for sweptback winas linear variations
of CDr are obtained Ofti' only a limited lift coefficient range, which is reduced as sweep and/or aspect
ratio in::rease. Experimental ;lata also show that, in general, the yaw damping of a sweptback wing

7.1.3.3-1
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changes sign and becomes positive at some moderate lift coefficient. The lift coefficient at which this
change in sign occurs is reduced as wing sweep and/or aspect ratio increase.

Results obtained by using the Datcom method agree reasonably well with test data over the range of lift
coefficients for which Cn r varies linearly with CL •

Since the wing contribution to the total CDr of the airplane is small, no method has been developed to
account for the effects of compressibility. For the purpose of the Datcom the effects of cOlJlpressibility
are accounted for by evaluating the wing profile-drag coefficient at the desired Mach number.
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Experimental data show that the effect of wing dihedral on the yaw damping is negligible.

Because of the insignificance of the wing contribution to the total yaw damping and the approximate
nature of the Datcom method, the method is applicable to wings with twist and/or symmetric flap
deflection as well as to p,lain wings.

DATCOM METHOD

7.1.3.3-a(per radian)

is the wing lift coefficient.

is the low-speed drag-due-to-lift yaw-damp. ;arameter obtained from figure 7.1.3.3-6
as a function of wing aspect ratio, taper ratio, sweepback, and e.g. position.

is the low-speed profile-drag yaw-damping ~ meter obtained from figure 7.1.3.3 -7 as
a function of the wing aspect ratio, sweep-back, and e.g. position.

is the wing profile drag coefficient evaluated at the appropriate Mach number. For this
application CD 0 is assumed to be the profile drag associated with the theoretical ideal
drag due to lift and is given by

where

The variation of the wing yawing derivative Cnr with lift coefficient at subsonic speeds, based on the
product of the wing area and the square of the wing span Sw b~, is given by

[ .
[. ,

~: :'. C = C-
Do D

C 2
L

'irA

,.', .
.. ' .. where CD is the total drag coefficient at a given lin coefficient, obtained from experi

mental data.

7.1.3.3-2
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CL 0 .1 .2 .3 .4 I .5 .6 .7 .8

Co .017 .020 .029 .047 I.074 .105 .141 .184 .235

The following test values from reference 6.

8 = 0

(equation 7.1.3.3-a)

Ac / 4 = 52.4°

(figure 7.1.3.3-6)

(figure 7.1.3.3-7)

A = aA ~ 2.31

= + 0.008 CL
2 + (-0.68) CD

o

sample Problem

x/c :;;; a (e.g. at c/4)

M = 0.13

Wing Characteristics:

Additional Characteristics:

Solution:

Given: The delta-wing model of references 5 and 6,

";", .

. "

Compute:

Cnr
= 0.0080 per rad

C 2
L

C
"r

. ...-:-
CD

-0.68 per rad

0

7.1.3.3-3
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.4 .16 .0013 .074 .0220 .0620 -.0364 -.0331

.5 .25 .0020 .105 .0344 .Q706 -.0480 -.0460

.6 .36 .0029 .141 .0496 .0914 -.0621 -.0592

.7 .49 .0039 .184 .0675 .1166 -.0792 -.0753

.8 .64 .0051 .236 .0882 .1468 -.0998 -.0947
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The calculated results are compared with test values from reference 5 in sketch (d).

~ .. ,
... ".

•.....
".'.'
I '.'

r· ,.....

~
l'. '
l- ...
l" .:.
r.·· ..
I
, .,

t
~~,::.:
I.;,.,..

r, ..

..

.



r

·...~
........

B. TRANSONIC

In the transonic speed regime no theoretical methods are available for estimating the wing yawing
derivative. Car' Furthermore, no known experimental results are available for this derivative at transonic
speeds.

C. SUPERSONIC

"..

No general methoo is available for evaluating the wing contribution to the yawing derivative Car at
supenonic speeds. However, methods are presented in references 2, 3, and 4 for evaluating Car for
special classes of wing planforms. The results presented in these references are based on supersonic linear
theory. TIle methods are restricted to estimating Car over a limited range of Mach numbers for
zero-thickness wings with no dihedral Furthermore, the methods are considered tentative, since the
spanwile variation of Mach number in the case of yawing has been neglecte.t.
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7.1.4 WING ACCELERATION DERIVATIVES

7.1.4.I-a

7.1.4.1 WING ACCELERATION DERIVATIVE eLa

Because of the restrictions placed on the lift-coefficient correction term, this method is valid only

for 0 < ~A < 4.

Cl. (g) is the lift-eoefficient correction term obtained from figure 7.1.4.1-6 (per radian).

Explicit expressions for estimating CL . of other wing planforms in the subsonic region are not
available at this time. a

is the wing lift-curve slope (Section 4.1.3,2) at tht: Mach number under consideration,
based on the total wing area (per radian).

where

7.1.4.1-1

is obtained from Sedion 4.1.4.2.

An equatioll for estimating the subsonic acceleration derivative CL . of a triangular willg (derived in
a

reference I), based on the product of wing area and wing MAC Sw cw ' is given by

A. SUBSONIC

DATCOM METHODS

If the wing acceleration derivative (La is to be used in method 1 of Section 7.3.4.1 to obtain
(CL&)WB ' the exposed wing planform area should be used for all calculations in the Datcom

methods. Using the exposed planform area will yield eLa based on the product of the exposed
wing area and the exposed wing MAC, rather than the product of wing area and wing MAC as
indicated.

Methods are presented for estimaHng the wing contribution to ihe derivative eLa at low angles of
attack for a triangular planform the subsonic and lew transonic speed ranges and for planforrns
with the leading edge swept back and the trailing edge swept back or swept forward in the
supersonic speed range. In addition, the supersonic results are directly applicable to wing~ with
sweptforward leading edges, in view of the reversibility theorem (see reference 5). This derivative is
used in estimating em" in Section 7.1.4.2.

.' .
'.'



Sample Problem

Given:

,

" ,

A ::: 4.0

M = 0.6

Compute:

f3::;: J1 - M2 = 0.80

tan Au,: = 1.0

{j/tan ALE = 0.80

f3A = 3.20

A tan ALE = 4.0

. ALE ; 45" CL ::;: 4.0 per rad (Section 4.1.3.2)
Q

x•.e.

Cr
::: 0.570 (figure 4.1.4.2-26a)

','.

- 0.1245 per fad (figure 7.1.4.1-6)

., .-.
",-

•

•

•
.....' '

CL(g) = -1.22 per rad

Solution:

C1 = 1.5 (XI

'

C

') CL + 3 CL(g) (equation 7.1.4.1-a)'a cr Q

=: (l.5) (0.570) (4.0) + (3) (-1.22)

=: -0.240 per rad (based on Sw Cw )

B. TRANSONIC

The value of CLa of a triangular wing from the critical Mach number to M ::: 1.0 is given by the
method of paragr·.liJh A, providel' 0 < PA < 4.

7.1.4.1-2
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where

where

7.1.4.1-c

(CL~). and (CLc:J2 are obtained from figures 7.1.4.1-8a through 7.1.4.1-81' for

X =: 0.25, O.50~and 0.75 and from the equations of reference 3 for A > 0.75.

Cl . is derived in reference 3 as
a

b. Wings with), ::0 0.25 to 1.0

F1(N), F'2(N), and F 3(N) are obtained from figure 7.1.4.1-7.

E ., (~C) and G(~C) are obtaint.d from figure 7.1.1.1 -8.

For wings with subsonic leading edges, CLa is obtained by the method of reference 2 for
X ;=: 0 and by the method of reference 3 for X ;;;; 0.25 to 1.0. The following methods are
not valid if the Mach line from the vertex of the trailing edge inttr~cts the leading edge or
if the wing"tip Mach lines intersect on t;le wing.c; or intersect the opposite wing tips.

71'AM2 [--3G<J3C) F
3
(N) + 2E"(I3c) F2(N) + _1 E"(J3C) Fj(N)]

2J32 M2

(per radian) 7.IA.I-b

I. Wmgs with subsonic leading edges <{3 cot ALE < 1.0)

CL • is derived in reference 2 as
a

a. Zero--taper-ratio wings (~ = 0)

There is no gt'ncral theory available in the literature that gives the transonic values of Cta,either
for additional w;ng-gcomctry prllamctcrs or fo!" Mach numbers greater than 1.0. Furthermore,
there is a scarcity of test data in the transonic region for any wing planforlll.

The supersonic value of CLa' based on t1w product of wing area and wing MAC Sw cwo is
de.ivcd in references 2 and 3 for win~s with subsonic leading edges and in reference 4 for wings
with supersonic leading edges.

C. SUPERSONIC

7.1.4.1-3
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!

2, Wings wittl supersonic leading edges (/3 cot ALE > 1.0)

For wings with supersonic I~ding edges, CLa (derived in reference 4) is given by equation

7.1.4.1-c with (CL. a)! and (CLah obtained from figures 7.1.4.1-lla through 7.1.4.1-110.
I
I

I
.. ~
I

" j
,

M = 1.50

(equation 7.IA.I-b)

[-3(0.570) (0.907) + 2(0.770) (1.090) + /25 (0.770) (0.5 20~

5.80

{3 cot /\ :;; 0.647LE

4 cot ALE
0.602N '. 1 - =

A

E"({3C) _. 0.770 } (figure 7. 1. 1.1 -8)
G({3C) - 0.570

,,(5.80) (2.25)
- -

2( 1.25)

cot ALE = 0.5774

Sample Problem

Figun:s 7.1.4. I-I Ia through 7.1.4.1·, I 10 are valid f;,:r the range of Mach numbers for which
the Mach lines from the leading-ooge vertex intersect the trailing edge. An additional
limitation is that the foremost Mach line from either wing tip may not intersect the remote

half-wing.

{3 "" 1M2 --1 = 1.12

f'J (N) = 0.520

} (figure 7.1.4.1-7)F 2(N) = 1.090

f
3
(N) 0.907

Solution:

1TAM2
[-3GVJl') F, (N) . 2E "(~C) F2 (N) + E"(iJC) F,(N)]C/ '

., -, ---
'c.: 2{J2 M2

I. Wing with subsonic leading edge

A

Compute:

Given:

• 7.1.4.1-4

___ ._ ••.•' ... __ .• .. __ ..... _'...... '._ .. -J
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"

. . ""1

..

J!
= -5.2211'(-1.551 + 1.679 + 0.178)

= -5.02 per rad (based on Sw Cw)

2. Wing with supersonic leading edge

Given:

",,"

-. " .. .
A = 4.0

Compute:

~ = 0.25 M = 2.0

".

" .

.,
~ .
"i4

"f'

' ..

P = JM2-=1 = 1.732

{jA = 6.928

cot ALE = 1.00

{j cot ALE = 1.732

coe 1 ({j cot ALE) = 30°

f3 (CLa)l = -0.390 per rad (fJg\ll'e 7.1.4.l-lld)

Solution:

~2 I
C1.. = (C) - - (C ) (equation 7.1.4.1-c)

a p2 La 1 p2 Lei 2

4 1::: "3 (-0.225) .... '3 (2.425)

.- -1.108 per rad (based on Sw Cw )

7.1.4.1-5
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7.1.4.2 WJNG ACCELERATION DERIVATIVE CmQ

Methods are presellted for estimating the wing contribution to the derivative Cma for a
triangular planform in the subsonic and low transonic speed ranges and for planforms with the
leading edge swept back and the trailip.g edge swept back or swept forward in the supersonic
speed range.

" .
I~ , ,

r.t..,.',
~ " . .

If the wing acceleration derivative Cmli: is to be used in method 1 of Section 7.3.4.2 to obtain
(Cmq)WB ' the exposed wing planform area should be used for a1l calculations in the Datcom

methods. Using the exposed planform area will yield Cma based on the product of the exposed
wing area and the square of the exposed wing MAC, rather than the product of the wing area
and the square of the wing MAC as indicated.

A. SUBSONIC

DATCOM METHODS

A method of estimating the subsonic acceleration derivative em ." of a triangular wing is derived in
reference I as Q

7.1.4.2-a

7.1.4.2-b(per radian)
9

CL + - C (g)
ex 2 mo

81 (~}2
32 c,

C
m

• = C
m

." +1 x~-&) C
L

• (per radian)
a a \ c a

C II

m·ex

is the longitudinal distance from the wing leading-edge vertex to the center of gr ;vity.
measure \ in mean aerodynamic chords, positive aft.

is referred to body axis with the origin at the wing leading-edge vertex and is obtained
as indicated below (per radian).

is obtained from Section 7.1.4.1, based on t;le product of wing area and wing Mt.C
(per radian).

C ..
m'a

where

The subsonic. value of Cm ., based on the product of wing area and the square of wing MAC
a '

Sw Cw 2 • referred to body axis and for any center-of-gravity location is given by

~ < '

~~ '.
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I
I
I

i
I

!

-0.240 per rad

(Section 4.1.3.2)

M ;: 0.6

CL ;: 4.0 per rad
a

/3A - 3.20/3 '" 0.8

"X = 0

= 0.570

is the pitching-moment-coefficient correction term obtained from figure 7.1.4.2-8
(per radian).

;: 0.75 (from planform geometry with e.g. at c/4)

Cr

from sample problem oi paragraph A. Section 7.1.4.1

A = 4.0

Compute:

is obtained from Section 4.1.4.2.

Sample Problem

is the wing "lift-curve slope (Section 4.1.3.2) at the Mach number under considera
tion, based on the total wing area (pei radian).

Because of restrictions placed on the pitching-moment-coefficient correction tenn, equation
7.1.4.2-b is valid only for 0 <JjA <4.

Given: Same wing as in sample problem of paragraph A, Section 7.104.1

Explicit expressions for estimating Cm a of other wing planforms in the subsonic region are not
available. An approximation may be made by subtracting the value of Cm (Section 7.1.1.2)
from the appropriate test value of total pitch damping (Cmq + Cmci ) taken fr<5m table 7-A. Tests

indicate that the relative importance of body damping of a c(JOventional configuration in
subsonic flow is small; therefore the use of wing-body test data of total ~itch damping in this
region is acceptable for an approximation, provided the test data are for a conventional design.

~ - ,-'

r:~-'

~
~, -.-',
~ ...
t -',

~.
r--- .. -
i' -,.
1.- -,

.', .

•
7t A/2

:;:; 0.071 per cad (figure 7.1.4.2-8)

C (g);: 0.697 per rad
mo

• 7.1.4.2..2
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B. TRANSONIC

The variation of Cma of a triangular wing from the critieal Mach number to M = 1.0 is given by
the method of paragraph A, provided 0 <{3A < 4.

There is no generalized theory available in the literature that gives the transonic values of Cm (('

either for additional win"eometry parameters or for Mach numbers greater than 1.0. An
approximation may be made by subtracting the value of Cmq (Section 7.1.1.2) from the
appropriate test value of total pitch damping (Cmq +Cma )taken from table 7-A. Although the

importance of body damping in this region is unknown because of a lack of experimental data,
wing-body test data of total pitch damping will probably have to be utilized if an approximation
of Cm6: is to be made, simply because of the lack of sufficient wing-alone test data. This method
of analysis gives only a rough approximation and· is limited to conventional designs where test
data are available.

C. SUPERSONIC

The supersonic value of Cmci' based on the product of wing area and the square of wing MAC
Swcw2, referred to body axis and for any center-of-gravity iocati0n, is given by equation
7.1.4.2-a, i.e.,

'.
'.. = C "+ (XC-3') Crna C Ll,;

(per radian)

where the parameters are defined in paragraph A and the supersonic value of Cn\ a" is obtained
as indicated below.

7.1.4.2-3
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M~thods for estimating Cma"

1. Wings with subsonic leading edges ({3 cot ALE < 1.0)

For wings with subsonic leading edges, Cmb." is obtained by the method of reference 2 for
~ :; 0 and by the method of reference 3 for X :; 0.25 to 1.0. The following methods are
not valid if the Mach line from the vertex of the trailing edge intersects the leading edge or
if the wing-tip Mach lines intersect on the wings or intersect the opposite wing tips.

. ,
I
i

I
i

j
I

i
I
!

" :~
...j

I

a. Zero-taper-ratio wings (X = 0)

~,,:.~
'J

1
(per radian) 7,1.4.2-c

[ G(!lCl F, (N) +C " =rna

F6 (N) and F8 (N) are obtained from figure 7.1.4.2 -9.

Fs(N), F7 (N), and Fll(N) are obtained from figure 7.1.1.2-8.

E "((3C) and G({3C) are obtained from figure 7.1.1.1-8.

em :' is derived in reference 2 as
01

where

riii
~.
r. ".· ."

~ . . ,

~~.~

f: -~~
~.. - .
, .

d
2

is two-thirds the basic triangular wing root chord, d = - c (see sketch (a),
3 fa

Section 7.1. 1.1 ).

:'_. "
~... -..· .

~'.":

is obtained from paragraph C of Sectior. 7.104.1, based on the product of wing
area and wing MAC.

C " is derived in reference 3 asrna

Wings with X = 0.25 to 1.0

~.. ,..· .'
.' .
~ '.. '.'
L'
l-·

r
.'· .....•'

.. '
~... . .
r.

r·· .:.

b.

C "m'01

M2 1
('Cm .) - - (Cm .) (per radian)

{32 01 1 (37. a 2
7.1.4.2-d

,
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.1,

.• ' 7.1.4.2-4
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where. '.

(c .) and ('C .) are obtained, from figures 7.1.4.2-10a through 7.1.4.2-10frna 1 rna 2
for ~ = 0.25, 0.50, and 0.75 and from the equations of reference 3 for ~ > 0.75.

\.' ",
'II .....

to.'"

2. Wings with supersonic leading edges (~ cot ALE> 1.0)

For wings with supersonic leading edges em ." is derived in reference 4 as
a

7.1.4.2-e

where

(Crnci)l and (Crnci:)2 are obtained from figures 7.1.4.2-13a through 7.1.4.2-13p.

Sample Problems

Figures 7.1.4.2-l3a through 7.1.4.2-13p are valid for the range of Mach numbers for which
the Mach lines from the leading-edge vertex intersect the trailing edge. An additional
limitation is that the foremost Mach line from either wing tip may not intersect the remote
half-wing.

M = 1.50b = 16 ft
c

e.g. at "4~ = 0

= 1.50 (from planfonn geometry with e.g. at cf4)

A = 5.80

From sample problem I of paragraph C, Section 7.1.4.1:

1. Wing with subsonic leading edge

Given: Same wing as in sample problem I of paragraph C, Section 7.1.4.1.

-.

J

7.1.4.2-5

CL • = -5.02 per rad
a

N = 0.602

G(J3C) = 0.570

13 cot ALE = 0.647

E "(J3C) = 0.770

~ = 1.12

f: ~:
l'

t
~:!

. ," ... ," - " .
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[
16 FS(N)]

G(j3C) F7 (N) + "3 E"(j3C) Fll(N)

::: 9.233 ft

[E "(J3C) F8 (N)] + rrA [E "(pC) F6(N)] - (. ~) CL •
16132 C Q

(equation 7.1.4.2-e)

~'(~~~\~;2S) [<0.570) (-1.620) + I; (0.770) ~~:~~~:]

2b
== 13.85 ft

As

4
:: 2.31

tan ALE

_ ~9.233) (-5.02)
(3.678)

+ 16(5.80) (2.25) ~ ;t 11'(5.80) r(0.770) (-2.600)'
9(1.25) l(0.770) (0.880)J + 16(1.25) r ~

+

2bA :: 5.517 ft

A =B

::

2
d:: c

3 I B

C "m'Q

Fs(N) :: 0.251

}F7 (N) - -1.620 (figure 7.1.1.2-8)

Fu (N) :: 0.395
.,'

F6 (N) = -2.600
} (figure 7.1.4.2·9)

Fa(N) = 0.880

C :::
r

c = 3.678 ft

Obtain d from the characteristics of the basic triangular wing (see sketch (a), Section 7.1.1.1).

Solution:

7.1.4.2-6

Compute:

~
~ . . .



_;".~";~\~. ,~:,,~<:,,~ .. ~,..;.~. -.,::-,-~~~-:-7~'-::--~::' --:", -;-.C;~ -;~.- ..", .".-;:--: ~;",'--rc~,·,~,-, -.-- '.- ".-".--. ';J =" ~,- 'C "'-,-. -.:-;.~1
I

= -6.15(-0.9234 + 2.610) + 12.576 - 1.824 + 12.602

2. Wing with supersonic leading edge

Given: Same wing as in sample problem 2 of paragraph C, Section 7.1.4.1.

= 5.45 per rad (based on Sw Cw 2)

= 12.98+(1.5)(--5.02)

(equation 7.1.4.2-a)C .
L'
~

== C "+ma

= 12.98 per rad

n
.,'

. ' ..
:,.
,

A = 4.0 A = 0.25
C

e.g. at 4 M = 2.0

X
~-3. == 0.964 (from planfonn geometry with e.g. at c/4)
c

From sample problem 2 of paragraph C, Section 7.1.4.1:

P :.: 1.732 PA = 6.928 fJ cot ALE = 1.732

CL • = --1.108 per rad
(t

Compute:

fJ (Cma)l == 11.80 per rad (tigure 7.1.4.2-13d)

(Cm c1 = 6.813 per rad

fJ (CmcJ2 = -5.530 per rad (figure 7.1.4.2-130

','

'~

Solution:

(equation 7.1.4.2·-e)

7.1.4.2-7

. .. .
~_~..:....,_ .............'.':"'~:'-""'-':-:".l....:l...~":",_· ......,-,.~.\-.....:::. .. ._~~~-':'-.L...-..~,,-,,,,"':"""''':'_'''''_~_..I.l ,~;.~-~----~ ...... _- '---.." . ... ,~



- - "I, - .~

~l
I

i
1

I
I

= ~- (6.8[3) +(~ + [)(-3.[93)

= 9.08 .- 7.45

- 1.63 per rad

Xc.g.= C ., + C (equation 7.1.4.2-a)rna C La

1

1
1
1
i

= 1.63 -1- (0.964) (-1.108)
, "

= 0.562 per rad (based on Sw Cw2 )
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DATCOM METHOD

A. SUBSONIC

7.1.4.3-a

7.1.4.3-c

7.1.4.3-b

7.1.4.3-1

k:::~
2Y

, where CD is based on Sw'

where c and 'Y are as defined above, and w is the angular velocity (rad/sec)

are Theodorsen's functions obtained from Table 7.1.4.3-A as a function of
the reduced frequency k, where k is defined as

F(k), G(k)

71' 1 ,.
Cd ::: '2 c V [1 + 2C(k)] aa

C(k) ::: F(k) + iG(k)

V is the free-stream velocity

c is the wing chord.

Cd is the drag coefficient per unit span.

7.1.4.3 WING DERIVATIVE CD'
Ot

where

C(k) is Theodorsen's function, defined as

This section presents a method for estimating the wing contrib4tion to the derivative CD'; at
subsonic spee.ds. This derivative is the change in drag coefficient due to a change in 0: at a constant
pitch rate and is defined as

In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is
usually neglected.

where

From the two-dimensional unsteady-flow theory of Garrick (Reference 1), the perturbation section
drag coefficient of an oscillating surface can be approximated by

".. I,.

,.
'", .



Only one part of the complex equation is needed. It is arbitrary whether to use the real or
imaginary part. If the wing oscillation can be defined as

1
I
1

.' .

~, '.'

~ :' .

7.1.4.3-d

where

is the complex form of the angle of attack of osdllation

(Xl is the amplitude of the oscillation (radians)

t is the timt~

then by substitution and expansion the imaginary part of Equation '7 ,1.4.3-a can b~ 2hown to be
equal to the following:

. ' .. i

. '

"\.".-

where all the terms are defined aboY<: and where the o~\>Hation \:' f.;ive.,) by CI' - Ci
1

8i,. '.,)t.

The three-dimensional drag may be obtained by

f '2 C C
CD ::: 2 _d_ dy

Swo

where

Cd ill the two-dimensional drag froril Equation 7.IA.3-e.

c is the local wing chord.

Sw is the wing reference area.

7.1.4.3-e

7.IA.3-f

I
•.:"j

i
I
i
i
1
I

I

I
I
I
I
I

"

If the derivative CD.i is desired, variations in CD may be calculated for different values of eX. For Q:

as defined by Equation 7.IA.3-d. the imaginary part of &: (to be used in conjunction with Equation
7.1.4.3-e) may be expressed as

":"

where the terms are defined above.

Ix = 0'1 W COS wt 7,1.4.3-g

, .. j

•
, .

,-

' ... .

'The expression in brackets could dlso be written as [(, j. 2Fl cos 2c...lt - 2G sin 2wtl , Which would indicate that Cd varies at twice
the angular velocity.

7.1.4.3-2

·1

.• _. ,j
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1

1

I
i
I

Then CD 0, may be approximated by

.'

, "

· "

wher~

=--~----

a(i~j
7.1.4.3-h

· .

"
. ... '

CD is the three-dimensi~naldrag coefficient obtained by application of Equation 7.1.4.3-[

a is the rate of change of angle of attack obtained by application of Equation 7.1.4.3-g

and the subscript tn refers to a specified time such that t
2

- t
l

is the time ipterval over which CD
and 0- are evaluated.

Sample Problem

Given: The following wing-body combination

Wing Characteristics:

. ,.. A :::; 4 A = 0 A = 1.0 c = 4.0 ft

',.
"

.'
.,'

".
.~

Additional Charad~ristics:

v = 200 ft/sec

(X = (Xl (cos wt + i sin wt)

Compute Cd at t == I sec:

Find the reduced frequency k

W :::; .27r rad/sec

(Xl = 10

· 4
0'

We
(Equation 7. I.4.3-c)k =

2V

(211")( 4.0)
:=

2(200)

;; 0.0628 rad

F = 0.887 S }
G := -0.1451 Table 7.1.4.3-A (linear in terpolation)

(Equation 7.1.4.3-e)

7.1.4.3-3

.'
~ .,. . .
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~ I
!

· ,

"

=:;; G~~) (5~.3r 21f{11 + 2(0.8876)](1.0-0)-4(-0.1451)(O)(l)}

.. ' '~·... '

t~ ~ ",: ~
t:-:<-

=!!. (4.0) (_1_)2 21f{11 + 2(0.8876)] l.0}
2 200 57.3

= 0.000167

:. , a =:; a l w cos wt (Equation 7.1.4.3-g)

Compute Cd for t ::: 1.1 sec;

Cd :::: ; ~ ai w {(l + 2F)(cos2wt ~ sin2wt) - 4G sin wt cos wt}

= :!!. (_4
0
.0\ (_1_) 2 21f{[ 1 + 2(0.8876)] [(0.8090)2 _ (0.5878)2]

2 2 oj 57.3

- 4( -0. 1451)(0.8090)(O.5878)}

.,'.",

"I
, •• .. 1. ,. -'

..~,: j
~. i

(Equation 7.1A.3-e)

(Rect wing Sw = bc)

(Equation 7.1A.3-t)

(Equation 7.IA.3-g)

=:; 0.0000681

= 0.0887

1
:::: - 271'(0.809)

57.3

= 0.110

1= - (21T)(1)
57.3

6: = a l w cOs wt

CD = 0.000167

f
b/2 Cd C

C = 2 -- dy
D Sw

o

7.1.4.3-4

" '
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(Equation 7.1.4.3-h)

(Rect Wing Sw ::: be)

(Equatiun 7.1 A.3-t)

(0.0000681 - 0.000167)
:::

4.0
(0.0887 - 0.110) 2(200)

- 0.0081 per deg

;:;; 0.464 per rad

C ::: 0.0000681D

Solution:
,,' ,

f· •·.I',
[ 
~... ~

-II
B. TRANSONIC

No method is presented.

C. SUPERSONIC

No method is presented.

REFERENCE
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1
i

I

1003

1165

1308

1378

1428

1507

1592 .:. )
1

1650 i
1
i

1738

1793

1862

1886

1876

1801

112:J

1604

1426 ,
-I

1305 .'
I

1160

1

.j

I
\

'1

I
I
!

0400

--G

0877

0305

0206

02011

0577

0736

0872

0482

TABLE 7.1.4.3·A

THEODOASEN'S FUNCTIONS

,..-- -

k F

~ 0.5000 0

10.00 0.5006 O.

6.00 0.5017 O.

4.00 05037 O.

3.00 0.5063 O.

:1.00 0.[.129 O.

1.50 0.5210 O.

1.20 0.5300 O.

1.00 0.5394 O.

0.80 0.5541. O.

(/.66 0.5699 O.

0.60 0.5788 O.

0.56 0.5856 O.

0.50 0.5979 O.

044 0.6130 O.

0.40 0.6250 O.

0.34 0.6469 O.

0.30 0.6650 O.

0.24 0.6989 O.

0.20 0.7276 O.

0.16 0.7628 O.

0.12 0.8063 O.

0.10 0.8320 O.

0.08 0.8604 O.

0.06 0.8920 O.

0.05 0.9090 O.

0.04 0.9267 O.

0.025 0.9545 O.

0.01 0.9824 O.

0 1.000 0

".

'.'

"
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7.2 BODY DYNAMIC DERIVATIVES

',:' .
....

' .. ~:'

The .methods presented in this section are for estimating pitching and acceleration dynamic
derivatives of isolated bodies. The methods and charts of the subsonic, transonic, and supersonic
speed ranges are based on a combination of slender-body theory and the theories used in
predicting the body-lift-eurve slope and pitching-moment-curve slope in Sections 4.2.1.1 and
4.2.2.1, respectively. Newtonian impact theory is used in the hypersonic speed range. The
methods are restricted to angles of attack near zero and should yield values suitable for first
approximations to dynamic stability.

No test data are available on body dynamic derivatives. Therefore, all theoretical methods must
be considered tentative until compared with experimental results. A brief discussion of available
theoretical methods is presented.

The starting point of almost all theories is the well-known linearized potential equation. Various
methods based on linear theory have been developed for obtaining the flow field about bodies in
supersonic flow. The- problem of determining the dynamic stability derivatives for bodies has
been treated principally within the assumptions of slender-body theory. The application of
M;mk's slender-body theory to the calculation of the aerodynamic coefficients desaibing steady
motion has been made by a number of authors (set> references 1 through 4). In refere"ce S,
slender-body .values of the aerodynamic coefficients ~ssociated with nonsteady angle of attack
have been obtained as a by-product of a linear analysis of the potential equation for nonsteady
supersonic flow. However, approximations made in the analysis effectively limit its application to
bodies of vanishingly small thickness. The problem of determining the dynamic derivatives for a
smooth slender body of arbitrary cross section performing slow maneuvers is treated within the
assumptions of slender-body theor:y by Sacks in reference 6. This approach is novel in slender
body theory in that the squared terms in the pressure relation for slender oonflgurations are
retained and all motions of the confJgUration are treated simultaneously. However, the derivatives
are obtained in terms of the mapping functions of the cross sections and are too complex for
inclusion in the Datcom.

A method is developed for estimating aerodynamic loads on slender, symmetrical confJgUrations
performing small lateral oscillations of limited reduced frequency in sonic and supersonic flow in
references 7 and 8, respectively. This method is an extension of an iterative technique originally
proposed by Adams and Sears in reference 9, and is a combination of fllSt~rder and second
order cross-flow solutions. The results consist of slender-body-theory terms plus higher-order
effects of fmeness ratio. For sonic flow about a body of revolution, reference 7 shows that by
retaining only the fllSt~rder terms in reduced frequency the pitching derivatives are given by
simple slender-body theory; whereas the acceleration derivatives are influenced by the second
order terms and contain logarithms of the reduced frequency. Under certain limitations on the
rapidity of the oscillations, all derivatives in supersonic flow prove to be independent of changes
in reduced frequency; consequently the method can be applied to slow time-dependent motions.
At present this method is limited to slender bodies of re"f'9lution, and in most cases requires a
considerable amount of mathematical manipulation to obtain a solution. This method can be
applied to bodies of more general cross section; however, the practicality of such an analysis
would depend on the possibility of solving the integrals that appear.

7.2-)
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P.-t 1- 8* Theay. MIT Fluid Oynaonlca R_ell Gro~ Report No. 67·2. 11Ki7. (UI

LendrJhl. M. T.: Fore.. ere:t Mom.nts on OlCiII~ing SI.nd. Wing-8ody ComblNltloMl ~ Sonic Speed. MIT Fluid Dyntmiel
R_ch Group Report No. 6&1, 1956. (UI

Dorr.nell, W. H.: Nonlteedy SUperlOnic F:l~ About Pointed Bolli.. of ReYOlutlon. Jour. Aero, Sci., Vol. 18, No.8,
AUSUst 1961. lUI

TobIk, M., R.... 0, E., Jr., .nd Bean, B. H.: Ellporimentlll Oemping In Pitch of 450 Trilnguler WI... NACA RM
A5OJ26. 1960. (UI

Sack•• A. H.: A«odYnllmic ForC8II. Moments, end Stllbllity Derivative, for Slend4ll' Bodies of G.n..1 Croll section. NACA
TN 3283, 1954. (UI

8.

7,

5.

~.

Since extensive use is made of slender-bOOy-theory results thr(}:lghout this section, the term
"slender" is clarified.· Tsien, in reference 2, pointed out that slender-body theory applies to the
flow about inclined, pointed projectiles at supersonic speeds. Subsequently, Jones, in
reference 12, indicated that his slender-wing theory (slender-body theory extended to wings)
applies to both subsonic and supersonic speeds, at least for pointed planforms. Actually, the
meaning of the term "slender" is somewhat different in the various speed regimes. For
supersonic Mach numbers "slender" implies that the body lies well within the Mach cone from
the body apex. This leads directly to the limitation to pointed bodies. It also leads to the
conclusion that relatively blunt bodies may qualify as "slender" at low supersonic speeds; while
for hypersonic speeds the method must fail for practical shapes. At subsonic speeds the term
"slender" becomes less restrictive as the Mach number increases from 0 to 1, until at sonic speed
aU bodies become slender. Thus, slender-body theory is seen to apply to at ieast some body
shapes throughout the speed range from low subsonic to hypersonic.

REFERENCES

3. LaitOIlll, E. V.: Lin_Ized SUbsonic end Supenonlc Flow About Inclined SI.nd... Bodi.. of RftOlution. Jour, A.o. Sci.,
Vol. 14, No. 11, November 1947. (UI

2. TlIen, H. S.: Supersonic Flow eNer en Inclined Body of RlHolution. Jour. Aero. Sci., Vol. 6, No. 12, Octobw 1938. (UI

1. Munk. M. M.: The Aerodynamic Fore.. on Ainhip Hull•. NAC~. TR 18". 19:24. (UI

The application of simple slender-body theory appears to be the only method of solution
warranted at the present time, in view of the large effects of viscosity on the forces acting over
slender bodies, the mathematical complexity involved in solutio.l of the linearized equations for
general planforms, and the lack of test data.

In reference 10 an attempt has been made to overcome the slender-body limitatioll by adapting
hybrid theory to the calC1.11ation of the body dynamic derivatives. (This method, derived by
Van Dyke in reference II, has proved successful in calculations for the static aerodynamic
derivatives.) Thi.s method is used to predict the dynamic derivatives of a cone, and the results are
consistent with those obtained by impact theory at the higher Mach numbers. In o~der to extend
this method to bodies of more general shape, it is necessary to satisfy the boundary conditions
corresponding to the specified body. Unfortunately, the analytical expressions re.quired to do so
have been found only for the cone.
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7.2.1 BODY PncHlNG DERIVATIVES

1.2.1.1 BODY PITCHING DERIVATIVE CL q

The pitc:hinl deriYative CLq is a measure or the lift proouced by rotational motion of the
airframe about a spanwiIe uiJ. This derivative is generally small compared to other terms in the
equations or motion and is frequently neglected. However. methods are presented for
determinina the body contribution to CLq in the subsonic. transonic, supersonic. and hypersonic
speed~ The mue o( CN, in the hypersonic speed ranae is used to obtain the value of Cm q

in the hypenonic speed ranae m Section 7.2.1.2.

In the IUbsonic. transonic, and IUpenonic speed ranees the Datcom methods are based on the
relatively simple results derived from s1ender-body theory and the assumption that a relationship
of correspondinc lIcnder-body derivatives may be employed with reasonable accuracy to the case
01 stady pUc:hirw in a manner similar to that of reference I. This approach to the calculation of
body dynamic derifttiws has been applied with reasonable success by WaUcer and Wolowicz in
reference l. It was ~n in reference I that, althouah slender-body theory alone does not
accurately predict the m.acteristic:s o( nonslender c:onr.,urations, the ratio o( corresponding
*nder-body derifttiwl may be employed with reuonable accuracy in predicting the static
(orca on nonsIender conr.....tions. The body contribution to CLq is thus liven as the product
of the 6ft-e:une IIope CL. and the ratio o( s1ender-body derivatives. i.e.,

~'lendefobody theory states that body force chancteristia are independent of Mach number. The
effect o( Mach number is taken into account by the static force coefficient. Therefore, the
limitations of these methods are determined by the limitations of the method:; employed in
determinina t&e static derivative Ct. in the various speed regimes. Experimental data should be
UIed (or the body Hft~ slope whe'! available.

A. SUBSONIC

There is no explicit method available in the literature (or obtaining the body dynamic derivatives
for general planConns.

The method presented is based on the application of the results of slender-body theory in the
manner previously discussed.

DATCOM METHOD

The body contribution to G.q , based on body base area and body length and referred to the
center of rotation, is given by -

7.2.1.1-1



C
L

is the body lift-curve slope from paragraph A of Section 4.2.l.1 multiplied by
a

(VB 2/3/Sb) (per radian).
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7.2.1.1-a
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(per radian)
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is the longitudinal distance from the body vertex to the center of rotation, positive aft.

is the length of the body.

is the total body volume from Section 2.3.

is the body base area.

Sample Problem

::j

I
I
I
I

i
I

+ 6.5d

"

,i

Xm .w 3.8 ft

~ = 0.785 sq ft

Fineness Ratio = 6.0

= (0548) ( 2.47) ::: 1.724 per fad (based on ~, )
0.785 "'b

._- Xm

.....------ 6d ------~al

T
d

T-----r-...,-,---....J-l

(VB) 213

::: (0.548)·-
Sb

VB 2/3 = 2.47 sq ft (Secfon 2.3)

= 0.548 per rad (based on VB 2/3 ) (Section 4.2.1.1)

d ", 1.0 ft

Compute:

Given:

~. ".'

'.. "...

~:::<':'.'.....
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~"
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6
,8) -- 0.367
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Solution:

C
Lq = 2CL", (I - :B

m
)" ll;, (equation 7.2.1.1-a)

= 2(1.724)(0.367)

= 1.265 per rad (based on St>£B)

B. TRANSONIC

The linearization of the transonic flow problem has been accomplished by Landahl, in
reference 3, by introducing a small amount of unsteadiness into the motion. This theoretical
method is 'Jriefly discussed in Section 7.2. By neglecting the second-order effects of reduced
frequency the pitching derivatives of a slender body of revolution are those given by slender
body theory. Since slender-body theory does not predict a dependence on configuration
parameters, this method cannot be expected to give reasonable approximations for the pitching
derivatives of nonslender configurations. Therefore, the method of paragraph A is applied
throughout the transonic speed range.

C. SUPERSONIC

Several of the theoretical methods that have been developed for estimating the body ~itching

derivative CN q in the supersonic speed range are briefly discussed in Section 7.2. The available
theoretical methods are limited to simple slender-body theory, theories treat.ed within the
assumptions of slender-body theory, and hybrid theory. The method presented here is based on
simple slender-body theory. Theories treated within the assumption of slender-body theory are
mathematically complex and restricted to specific body shapes; therefore, no general quantitative
results are presented.

The supersonic (~N q for cones can be estimated by the hybrid theory solutions presented in
reference 4.

OATCOM METHOD

The method presented here for determining the body contribution to CN , based on the
cone-cylinder or ogive-cylinder maximum frontai area and body length and refe.ied to the center
of rotation, is the same as that of paragraph A and is given by equation 7.2.1.1-a, i.e.,

CN = 2 CN (1 - X
m

) (per radian)
q Q £0

7.2.l.l-3
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where CN Q is the body normal-force--curve slope from paragraph C of Section 4.2.1,1, evaluated
at the appropriate Mach number and based on the cone-cylinder or ogive-cylinder maximum
frontal area (per radian).

D. HYPERSONIC

Simple Newtonian theory is used in this section to estimate the contribution of cone frustum
bodies, with or without spherical noses, to the derivative CN q' Newtonian theory is discussed in
paragraph D, Section 4.2.1.1.

CATCOM METHOD

Charts taken from reference 5, based on simple Newtonian theory, are presented for determining
eN q of spherical segments and cone frustums at small angles of attack .

The coefficients of these charts are referred to the body base area and base diameter and to a
mom~nt center at the forward face of the segment. By proper use of the. data presented, the
total CN q may be determined for bodies composed of multiple cone frustuins with or without
spherically bknted noses.

The Newtonian value of the derivative CN q for a complex body is obtained as follows:

Step 1. Compute CN q ' for each body segment about its front face using figures 7.2.1.1-9a and
7.2. 1. 1-9b.

Step 2. Transfer the individual derivatives CN 0' to a common reference axis by applying the
following transfer equation to each bod'y segment

7.2.1.1-b

where

CN Q is the nOl'mal-force-curve slope for each segment based on individual base
areas from paragraph D) ~ection 4.2.1.1.

eN q is the pitching derivative for each segment based on individual base areas
and base diameters and referred to a moment center at the forward face
of the segment, from figures 7 .2.1.1-9a and 7.2. 1.1-9b.

n is the distance from the face of a given frustum to the desired moment
reference axis of the configuration, positive aft.

j
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Step 3.

d is the base diameter of a given frustum .

The transferred derivatives of the individual body segments are converted to a common
reference area and diameter and added. The total derivative is given by

f".' 7.2.1.1-4
f~'--
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Sample Problem

Given: Same multiple-segment body as sample problem of paragraph D of Sections 4.2.1.1 and
4.2.2.1.

120 = 0.55 ft (distance from moment reference cemer to body nose)

,1.

Spherical segment

121
::: 0.18 ft

r 1 = 0.36 ft

d1
~ 0.62 ft

Cylinder

~ = 1.20 ft

d3 = 1.20 ft

Jl3 = 1.20 ft

83 = 0

Forward cone frustum
; '..

a2 = 0.62 ft

d2 = 1.20 ft

~ = 0.72 ft

82 = 22.5°

Rear cone frustum

8.. = 1.20 ft

d.. = 1.368 ft

Jl4 = 0.96 ft

8. = S°

7.2.1.1-5
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Compute:

Spherical segment

~' _. 0.865 per rad (figure 7.2.1.1-9b)
ql

n1 = -£0 = -0.55 ft

'J
'1
I
I
I

I
!

.' J

. '.~

I
1
1

i

(equation 7.2.1.1-b)

~
fi'd 3)

= 2.195 per rad based on _1_
4 I

CN = 0.75 per rad (figure 4.2.1.1-23)
<1: 1

I
I
!

~. ".
~ .. :'
~:.:.:
f- .• ,., .
I.••
t· .
I' '.r.~ ~.'

~ : ~ ~ ~ .' .

~:•.,

~_..
~." '..
~'.' ..:
~:-.- -~"

Forward cone frustum

C • = 1.22 per rad (figure 7.2.1.1-9a)
N

q2

C
N

= 1.250 per rad (figure 4.2.1.1-26)
<1: 2

(
-0.73)= 1.22 - 2 -- 1.250
1.20

.... ,

. 'I

• -I..

... 7.2.1.1-6
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: 2.74 per rad (based on .:,3)

Cylinder

eN' = 0 (figure 7.2.1.1-9a)
q3

(' = 0 (figure 4.2.1.1-26)
-'Net

3

= 0

Rear COlle frustum

CN ' = 0.36 per rad (figure 7.2. I.1-9a)q.

CN = 0.450 per rad (figure 4.2.1.1-26)
a•

- 2.10 per rad (based on .:. ~)

7.2.1.1-7
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(equation 7.2.1.1-(:)

&<

= t (eN .). (::)'
0=1

= 2.195 C~~~s + 2.74 (i.::sY + 0 + (2.10)

= 0.2043 + 1.8494 +2.10
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Converting the derivative for each segment to a common reference area and diameter, the base
area and diameter of the rear cone frustum, and adding

4.

5.

~.

3.

1.

Solution:
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'0 •
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'0'
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7.2.1.2 BODY PITCHING DERIVATIVE emQ

17 ' .. ', .
"
;~ :...

~ '.
~. .'

..... The derivative Cm q is a measure of the pitching moment produced by rotational motion of the
airframe about a spanwise axis and is commonly referred to as the pitch-damping derivative.
Methods are presented for determining the bod y contribution to this derivative in the subsonic,
transonic, supersonic, and hypersonic speed ranges.

In the subsonic, transonic, and supersonic speed ranges the Datcom methods are basf,d on the
same assumption that was made in regard to the body contribution to the derivative CL q' and
the general discussion of Section 7.2.1.1 is directly applicable here.

The body contribution to Cmq is expressed ns

" ,

7.2.1.2-a

DATCOM METHOD

A. SUBSONIC

The limitations of these methods are determined by the limitations of the methods employed ill
determining the static derivative Cma in the various speed regimes. Experimental data should be
used for the body pitching-moment-curve slope when available.

The comments of paragraph A of Section 7.2.1.1 are directly applicable here.

The body contribution to Cmq , based on body base area and the square of body length and
referred to the center of rotation, is given by

~ .. ' "

I, '...

~~, .,
l-: '! .
~' . ',',
~'., .
l· "

r':.'

"

k~

f'>
:"
~- .

,.
I.

I,.- where

is the body pitching-moment-curve slope from paragraph A of S~ction 4.2.2.1,
multiplied by VB I(Sb~B)'

is the total body volume from Section 2.3.

7.2.1.2-1
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is the body base are<l.

is the longitudinal distance from (he vertex to the centroid of the volume and is
given by

Xc

10

28

S(x) x dx. 7.2.1.2-b

,]
I
i
I
I

". '... ' where

S(x) is the body cross-sectional area at any station. It is not feasible to present
generalized design charts of xc, but the equation can be integrated for
an>' arbitrary body of revolution.

is the length of the body.

, ". '
is the longitudinal distance from the body vertex to the center of rotation,
positive aft.

"

" .
~" ':.

Semple Problem

Given: Same ogive-cyli:nder confignration as sample problem of paragraph A ofS/",;tion 7.2.1.1.

......-.. ,
';': J
' I

",

T
d

r I ,1-
t-- AX '. 0.5 ft

I' I Ix 1 Xo

-I
I

6.5d

---X'm---'

'-'--2.6d

"

-,

, " ..

'.

" . d "" 1.0 ft Fineness Ratio = 6.0 Xm = 3.8 ft

'.
0'

Xl = 2.5 ft }
Xo = 3.6 ft (Section 4.2.1.1)

(k2 - k}) = 0.863

~ = 0.785 sq ft VB :: 3.88 cu ft

. ....d...-.l. ---'-. " ..
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Compute:

Determine em
Q

cIS" dSx
5t11tion Sl:

4S I'tl-AX lltm - xl· - Ix .- xl AX
d x dx dx m

1 0.4 0.126 0.126 3.467 0.4368
2 0.68 0.363 0.237 3.028 0.7176
3 0.89 0.622 0.259 2.539 0.6576
4 0.98 0.754 0.132 2.046 0.2701

"1 1.0 0.785 0.031 1.549 O.048C"

0.785
..

Xo 1.0 0 0.75 0

-

dSx
(xm _. x) ~x = 2.1301

dx

(2) (0.863) (2.1301)
=

3,88

= 0.948 per rad (based on VB)

= (0.948) (~:~~)

.. 0.781 per rad (based on Sb ~B)

7.2.1.2-3
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Determine Xc

'-'

IStation d Sb:) x· SIx) x 4X

1 0.4 0.126 I 0.333 0.0210
:2 0.68 0.363 0.772 0.1400

3 0.89 0.622 1.261 0.3920
4 0.98 0.754 1.754 0.6615
Ii 1.00 0.785 2.261 0,8836

6 1.00 0.786 2.76 1.0795
7 1.00 0.786 3.25 1.2755

8 1.00 0.785 3.75 1.4720

9 1.00 0.785 4.25 1.6680
10 1.00 0.785 4.75 1.864Ii
11 1.00 0.785 5.15 2.06ai
12 1.00 0.785 5.75 2.2570

l
1..

I

I

I
I

.' 1
I
I

I
I

I
!
!

28L S(X)X ~x = 13.775

x-o

(equation 7.2.1.2-a)

(equation 1.2.l.2-b)

r~
l

(P.B
)0 S(x) x dx

VB

13.715
= = 3.55 ft

3.88

VB (3.88)- = = 0.824
SbQB (0.785) (6.0)

(1 - ~) = 1 _ 3.8 = 0.361
6.0

Solution:

~
I

I.
I

• 7.2.1.2-4
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[
(0.367)2 - (O.824)(~ - ~)]

= (2) (0.781) 0.367 _ 0.824

r - - ...-.-, - .-. r .. - r
..

"

...

~.. ~ . . . ~

.. - . .' r ~-. ~- .~''''-. - ...- .. ... • f .... 0' .-•• > .....

I
\
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L .
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\.

l.t
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r"
F ~ 0

~ :

~
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i· ..
f., .
~ -. ~

~
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~. ~ ...
~.'',.'f' .

~
... ':

·e

.'.

fi'

= 1 2 [0.135 - (0.824) (-0.0417>]
.56 -0.457

= 1.562l~~.::~]

~ -0.579 per rad (based on Sb £9 2)

B. TRANSONIC

The comments of paragraph B of Section 7.2.1.1 are directly applicaoie here. The method of
paragraph A is applicable throughout the transonic speed range.

C. SUPERSONIC

The th~oretical methods applicable for the estimation of the body contribution to the derivative
Crnq parallel those of the body contribution to the derivative CL q '

Therefore, the general comments of paragraph C of Section 7.2.1.1 are also applicable here.

The supersonic Cmq for cones can be estimated from the hybdd theory solutions presented in
reference 1.

DATCOM METHOD

The method presented here for the body contribution to Cmq , based on body base area and the
square of body length and referred to the center of rotation, is the same as that of paragraph A
and is given by equation 7.2.1.2-a, Le.,

where Cma is the body pit-ching-moment-curve :;Iope from paragraph C of Section 4.2.2.1
evaluated at the appropriate Mach number.

7.2.1.2-5
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D. HYPERSONIC
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Simple Newtonian theory is uSl'd in this section to estimate the derivative Cm q of cone frustum
bodies with or without spherical noses. Newtonian theory is discussed in paragraph D, Section
4.2.1.1.

OATCOM METHOD

Charts based on simple Newtonian theory (reference 2) are presented for determining Cm q of
spherical segments and cone frustums at small angles of attack. The coefficients of these charts
are referred to the base area and the square of the base diameter and to a moment center at the
forward face of the segment. By proper use of the data presented, the total Cm q may be
determined for bodies composed of multiple cone frustums with or without spherically blunted
noses.

The Newtonian value of the stability derivative Cmq for a complex body is obtained as follows:

"

7.2.1.2·{;_2(~)2 C
d N Q

is the pitching derivative for ea(;h body segmer.t based on individual base
areas and the square of base diamete"l's and referred to a moment center at

is the pitching-moment-curve slope for each segment based on individual
base areas and base diameters and referred to a moment c~nter at the
forward face of the segment. This derivative is obtained from paragraph D
of Section 4.2.2.1.

is the pitchin;;; derivative fCir each segment based on individual base areas
and base diameters and referred to a moment center at the forward face
of the segment. This derivative is obtained from paragraph 0 of Section
7.2.1.1.

is the normal-force-eurve slope for each segment based on individual base
areas from S(~ction 4.2.1.1.

Cmq '

Cmer '

where

Step 2. Transfer the individual derivatives Cmq' to a common moment center by applying the
fonowing axis transfer equation to each body segment:

Step 1. Compute CmQ'for each body segment about its own front face using figures 7.2.1.2-12
and 7.2.1.2-13b if the body has a spherically blunted nose,and figures 7.2.1.2-12 and
7.2.1.2-13a if the body nose is a cone frustum.

• 7.2.1.2-6
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the forward face of the segment. If a complex body consists of
combinations of cone frustums, the derivative for the fIrst frustum must
be obtained from figure 7.2.1.2-13a, which accounts for the front face
being exposed to the air stream. If the body has a spherically blun~ed

nose, the derivative of the nose is obtained from figure 7.2.1.2-13b. For
subsequent frustums the derivatives are obtained from figure' 7.2.1.2-12.

~
I.
r·
I

Step 3. The transferred derivatives of. the individual body s~gments are added after being
converted to a common reference area and squared diameter. The total derivative of
the individual body segments is given by

7.2.1.2-<1

a2 = 0.62 ft

d2 = 1.20 ft

Forward cone frustum

I,

Sample Problem

d1 = 0.62 ft

r1 = 0.36 ft

Spherical segment

.Qo = 0.55 ft (distance from moment reference center to body nose)

Given: Same multiple-segf1l~ntbody as sample problems of paragraph D of Sections 4.2.1.1, 4.2.2.1,
and 7.2.1.1.

7.2.1.2-7
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Cylinder

a3 = 1.20 ft

d3 = 1.20 ft

£3 = 1.20 ft

(J = 03

Compute:

Spherical segment

C ' = -0.50 per rad (figure 7.2.1.2-13b)
m

q1

eN = 0.75 per rad (figure 4.2.1.1-23)
a 1

C I = -.0.430 per rad (figure 4.2.2.1-20b)
mal

C I = 0.865 per rad (figure 7.2.1.1-9b)
N

q1

Rear cone frustum

d4 = 1.368 ft

24 = 0.96 ft

8 = So4

. ,

(equation 7.2.1.2-c)

" ,

•

•

= -0.50 - (-1.774) (-0.43) + (-0.887) (0.865) - (1.574) (0.75)

= -0.50 - 0.763 - 0.767 - 1.180

I. 1rd
41

4
)= -3.210 per rad \based on

Forward cone frustum

7.2.1.2-8
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(equation 7.2.1.2-c)

-0.590 per rad (figure 4.2.2.1-20a)

1.22 per rad (figure 7.2.1.1-9~)

= -0.68 - (-1.217) (-0.590) + (-0.608) 0.22) - (0.74) (1.25)

= -0.68 - 0.718 - 0.742 - 0.925

= -3.065 per rad (based on .:")

CN = 1.250 per rad (figure 4.2.1.1-26)
<X 2

C ' ;;: 0 (figure 7.2.1.2-12)m
q3

Cylinder

Cm ' = --0.68 per rad (figure 7.2.1.2-12)
tl2

"

~·.,
,.
,.

"
.. ,, .', .......

.\ ..
" .-, .'
t··:·

r.,,'
I';'
[:.
'.>
I .
'.'
J

f1
'0 •
"
~: .
(,

t<:
~~,

~ Q'1

i-
i-,

·I'
~ .

-r'~"r:'r,:
~
I:',
~.
,~

~-

·,r'
Cm = 0 (figure 4.2.2.1-20a)

<X 3

7.2.1.2-9

C • = 0 (figure 7.2.1.1 -9a)N
q3

r

~
~:,
t:

l
~.

t·
L->-->.~_~~_~'.~.~~.~~.L,_~_, ~.:............. .----......-----"-..,, • ~~._~~~_................... _'"'_:......__.._:......_........!......_......_.:.:.._~ __•• ~~..:.:..._....:.......... _"'__.~._......a... __.._, ... "__,,- .. __\ ..... .....i ...._~"""--_,__ J



. ;.

.... _.

"~ • '": ". • • .' ."""'........::--:~<'"":"........'.:-'"~.'-"'-"'-~-,......or-.':-.~T;"~'--:~~"'-=-'...::-~,.....,.~-.:", "~~' ..'~ ,............::"". ',,:' ,~'- ~,"-"'.~ .....~: .- ...~" ~.• '.' r ," - ~ -.' ~ '. - "'l

t ~.. '~
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I
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= -0.250 per rad (figure 7.2.1.2-12)

n =4

= 0.450 per rad (figure 4.2.1.1-26)

.j

I
i
I

~-j
i

1
I

!

.' ....~
. "..,'.

(equation 7.2.1.2-c)

(equation 7.2.1.2-(1)

~ -7.C22 per rod ~ased on W:,~)

= -0.25 - 0.735 - 0.698 - 3.388

= -0.25 - (-3.87) (-0.19) + (-1.94) (0.36) - (7.53) (0.45)

= 0.36 per rad (figure 7.2.1.1-9a)

~ -5.072 perrad~d on Wd:')

~ -3.210 (1~~~ )' -3.065 U.~2:8y+ °+ (-5.072)

= -0.1354 - 1.8148 - 5.072

C = .....0.19 per rad (figure 4.2.2.1-20a)
m

Q4

Converting the derivative for each segment to a common reference area and square of the di
ameter, the base area and diameter of the rear cone frustum, and adding gives

Solution:

~. -~ . .

~. ....
" ~'. .( :>
f.' .
~ ~ .

I
I,
I
!
~.~

' .. ".'
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7.2.2 BODY ACCEL~'RAnON DERIVATIVES

7.2.2.1 BODY ACCELERATION DERIVATIVE CL&

r'

~
I'
I'

I:
i

f'
I... -
rtI
~ ,'"

,,",

Methods are presented for determining the body contribution to the derivative CLa in the
subsonic, transonic, and supersonic speed ranges.

Datcom method:. are based on the relatively simple results derived from slender-body theory in a
manner similar to that used to predict the body pitching derivatives. It is assumed that a
relationship of corresponding slender-body derintives may be applied with reasonable accuracy
to the case of vertical acceleration in a manner similar to that of reference I. This approach to
the calculation of body dynamic derivatives has been applied with reasonable success by Walker
and Wolowicz in reference 2. It was shown in reference I that, although slender-body theory
alone does not accurately predict the characteristics of nonslender bodies, the ratio of
corresponding slender-body derivatives may be used with reasonable accuracy to predict the
static forces on nonslender configurations. The body oontribution to CL a is then given as the
product of the lift-curve shpe CL oc and the ratio of slender-body derivatives, i.e.,

DATCOM METHOD

A. SUBSONIC

There is no explicit method available in the literature for the estimation of body acceleration
derivatives in the subsonic speed range. The method presented below is based on the application
of slender-body theory in the manner previously discussed.

7.2.2.1-a(per radian)

= CL(~LO)
oc LQ slender-body theory

Since slender-body theory states that body force characteristics are independent of Mach
number, the limitations of these methods are determined by the limitations of the methods used
in determining the derivative CLoc in the various speed regimes. Experimental data should be used
for the body lift-curve slope when available.

The body contribution to CLo' based on body base area and body length, is given by

r .
r., .'

I' ,

C·
I· :

t :.
~ ,I·..
~\,f' '
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I' "
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where

CLQ is the body lifhurve slope from paragraph A of Section 4.2.1.1 multiplied by
(VB 2/3/Sb), bared -)n Sb (p~r radian).

II.. VB is the total body vI,lume from Section 2.3 .

~ ~ "

", I-.' .'· .', . Sb is the body base area.

RB is the length of the body.

. Sample Problem

Given: Same ogive-cylinder configuration as sample problem of paragra:,h A of Section 7.2. U.

C == 1.724 per rad (based on Sb' Section;.2.1.1)
La

•
Finene<JS Ratio ;; 6.0

Sb "" 0.785 sq ft

.... 6.5d

= 0.824

------6d----........-.~
I

\'--__--.J1
I

Xo

~B == 6.0 ft

~3.88)
::::

(0.785) (6.0)

d ~ I ft

VB:::: 3.88 eu ft (Section 2.3)

Compute:

Solution:

(equation 7.2.2.1-a)(s~:.).; 2 C,
'0

== 2(1.724) (0.824)

7.2.2.1-2
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B. TRANSONIC

The only available method for determining the body dynamic stability derivatives at transonic
speeds is that of Landahl in reference 3. However, Landahl's results for the acceleration
derivatives are frequency-dependent and no quantitative information is presented. Since slender
body theory states that body force characteristics are independent of Mach number, the method
of paragraph A is applicable throughout the transonic speed range,

C. SUPERSONIC

Several of the theoretical methods available for estimating the body acceleration derivatives in
the supersonic speed range are briefly discussed in Section 7.2. These include simple slender-body
theory, theories treated within the assumptions of slender-body theory, and hybrid theory. The
method presented here is based on the results of simple slender-body theory. Theories treated
within the assumptions of slender-body theory are mathematically complex and restricted to
specific planforms; therefore, no general quantitative information of their results is presented.

The supersonic CN a of cones may be obtained from the hybrid theory solution of reference 4.

DATCOM METHOD

The method presented here for determining the body contribution to CNa' based on body base
area and body length, is the same as that of paragraph A and is given by equation 7.2.2.1-a, i.e.,

where CNcr is the body normal-foree-curve slope from paragraph C of Section 4.2.1.1, evaluated
at the appropriate Mach number. The other parameters are defined in paragraph A of this
section.

D HYPERSONIC

The body contribution to the derivative CN a in the hypersonic speed range is shown in
reference S to be zero when determined by the Newtonian impact theory.
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7.2.2.2 BODY ACCELERATION DERIVATIVE Cma

Methods are presented for detennining the body contribution to the acceleration derivative Cma .
in the subsonic, transonic, and supersonic speed ranges,

Datcom methods are based on the same assumptions that were made in regard to the estimation
of the body contribution to the derivative Cta, and the general discussion of Section 7.2.2.1 is
directly applicable here. The body contribution to Cma is expressed as

(

Cm .),a
Cm· = Cm -C

a a m
admder-boclytheory

The limitations of these methods are determined by the limitations of the methods used in
estimating the static derivative Cma in the various speed regimes. Experimental data should be
used for the body pitching-moment-eurve slope when available.

A. SUBSONIC

The comments of Paragraph A of Section 7.2.2.1 are' directly applicable here.

DATCOM METHOD

The body 1:Ontribution to Cma • based on body base area and the square of the body length and
referred to an arbitrary moment center, is given by

7.2.2.2-a

"'...w:,
."" .::"'...

~.... .... ....~ .

where

Cma is the body pitching-moment-eurve slope from Paragraph A of Section 4.2.2.1,
multiplied by VB/(Sb2B)'

is the longitudinal distance from the vertex to the centroid of the volume and is
liwn by F.quation 7.2.1.2-b, i.e.,

fiB
)0 ~(x) x dx

VB

7.2.2.2-1
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Xm is the longitudinal distance from the body vertex to the center of rotation, positive
aft.

'..
is the length of the body.

i
',1

Given: Same ogive-eylinder configuration as sample problems of Paragraph A of Sections 7.2.1.2
. and 7.2.2.1.

em = 0.781 per rad }
Q (Section 7.2.1.2)

x = 3.55 ftc

'i
!

Xm = 3.8 ftFineness Ratio == 6.0

0.367

r--: ~ 1
~\"'=_---....... II

6.Sd llljo
t-----llm--

= 0.824 (Section 7.2.2.1)

Sample Problem

is the body base area.

is the total body volume from Section 2.3.

d = 1 ft

V
'B

~1!8

~
XII,) ( 3.8)1-- = 1-- :;
~B 6.0

Solution:

rr

f.
f.'

~
~.
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r"
~
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~;

t

-..
· .· '.

t: :,::
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ft1
.. .

r
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~
r ~

r.
t
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.. 7.2.2.2-2
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DATCOM METHOD

C. SUPERSONIC

(Equation 7.2.2.2-a)

= 2(0.781) [0.824 (~ - ~:~)]
0.367 - 0.824

B. TRANSONIC

= 1.562 (-0.0343)
-0.457

= 0.117 per rad (based on Sb 2i)

The theoretical methods applicable for the estimation of the body co.1tribution to the derivative
Crna parallel bose of the body contribution to the derivative CLl!' Thenfore, the general
comments of Paragraph C of Section 7.2.2.1 are also applicable here.

The comments of Paragraph B of Section 7.1..2.1 are directly applicable here. The method of
Paragraph A is applicable throughout the transor.lc speed range.

The supersonic Crna for ::. cone can be estimated by the hybrid theory solutions presented in
Reference 1.

The method presented here for the body contribution to em.; , based on bo(',y base arelt and the
square of the body length and referred to an arbitrary moment center, is the same as that of
P'pragraph A and is given by Equation 7 .2.2.2-a, i.e.,

, I
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?'t where Cmex is the body pitching-moment-curve slope from Paragraph C of Section 4.2.2.1,
evaluated at the appropriate Mach number. The other parameters are defined in Paragraph A of
this section.

D. HYPERSONICI

I'

~
I.,
r

•

The body contribution to the derivative Cmit in the hypersonic speed range is shown in
Reference I to be zero when determined by the Newtonian impact theory.
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7.3 WING-BODY DYNAMIC DERIVAlNES

7.3.1 WING-BODY PITCHING DERIVATIVES

7.3.1.1 WING·BODY ?ITCHING DERIVATIVE CLq

The information contained in this section is for estimating the pitching derivative CLq of
wing-body configurations at low angles of attack. In general, it consists of a synthesis of material
presented in other sections; however, the method of application is new.

The Datcom methods are based on the assumption that the mutual interferences that occur
between components for angle-of-attack variations, determined in references I and 2 and
presented in Section 4.3.1.2, may be employed with reasonable accuracy to the case of steady
pitching. This approach to the calculatIOn of wing-body pitching derivatives has been used with
reasonable success by Walker and Wolowicz in reference 3.

A. SUBSONIC

Two methods are presented for determining the pitching derivative CL of a wing·body. q
configuration, differing only in their treatment of the mutual interference effects.

DATCOM METHODS

Method 1

For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the pitching derivative
CL

q
• bas~d on the area and mean aerodynamic chord of the total panel and referred to a

moment center at the assumed center of gravity or center of rotation, is given by

'.
7.3.I.I-a

". where

KW(B) and KB(W) are the appropriate Wing-body interference factors obtained from Section
4.3.1.2.

(CLq)e is the contribution of the exposed panel to the pitching derivative CL q , obtained
from Section 7.1.1.1. (See Section 4.3.1.2 for the definition of exposed surfaces.)

(CLq )8 is the contribution of the body to the pitching derivative CL q ' obtained from
Section 7.2.1.1.

7.3.1.1-1
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is the ratio of the exposed to the total panel area.

is the ratio of the body base area to the total panel area.

is the ratio of the mean aerodynamic chord of the exposed panel to the mean
aerodynamic chord of the total panel.

is the ratio of the body length to the mean aerodynamic chord of the total panel.

Mo~nent transfer calculaHons are included as an integral part of the wing and body derivative
estin.ation methods of Sections 7.1.1.1 and 7.2.1.1, respectively.

Method 2

For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the pitching derivati.ve
CL q , based on tht. area ~11" mean aerodynamic chord of the total pallel and referred to a
moment center at the assumed center of gravity or center of rotation, is given by

7.3.1.1-b

where

K(WB) is the wing-body interference factor, obtained from figure 4.3.1.2-12c of Section

4.3.1.2.

(CLq)W is the contribution of the total panel to the pitching derivative CLq , obtained from

Section 7.1.1.1.

The remaining terms are defined in method I above. Moment transfer calculations are included
as an integral part of the wing and body derivative estimation methods of Sections 7. \.1.1 and

7.2.1.1, respectively.

Sample Problem

Method I

Given: An ogive-cylinder-body-triangular-wing configuration

7.3.1.1·2
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EXPOSED PANEL

Wing Characteristics:

Total Panel Exposed Panel

A = 5.0 ~ = 0 Ae
:: 5.0 \ = 0

ALE = 38.67° S = 414.0 sq ft be :;: 38.37 ft Se = 294.50 sq ft

iw = 0 Cr = 18.20 ft I\c/2 = 21.8 0 Cr
:: 15.375 ft

e

b = 45.50 ft C = 12.133 ft C = 10.25' fte

NACA 66-206 airfoi.l section

Body Characteristics:

~ = 25.0 ft £8 :: 77.20 ft d = 7.127 ft

TIle following ratios based on total panel dimensions:

Se
= 0.7113

S

ee
= 0.845 = 0.0$63

Q
B

:: 6.363

7.3.1.1
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Additional Characteristics:

M = 0.60 X
m

:: 43.70 ft (moment center at c/4 of total panel)
It" _,

c~ :::: 6.19 per rad (table 4.1.I-B)
ex

.'
1

·1
'I

I
[

, '.

5.0 [0.64 + 0.16]1 /2 :: 454
0.985 .

d = 0.157
b

= 0.985

0.560 (figure 4.1.4.2-26a)

0.90 per rad (figure 4.1.3.2-49)

00408 (from planform geometry of exposed panel with e.g. at c/4 of total
panel)

c~
ex

Ae [{32 + tan2 I\. ]1/2::
" c/2

(CLa)e = 4.50 per rad

tan ALE
1.0::;

~

Ae tan ALE = 4.0

" =

( X;,<:). =

(::"'"). =

~ = 0.80

Step I. Pitching derivative CL for exposed panel (Section- 7.1.1.1)
q

Compute:

•
( C

X_- )e '- (X:l
c
'
c: - KeC.•

g
.)'- (equation 7.1.1.1-b)

.. 7.3.1.1-4
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,.' " ..

1't

· '-

,
, -

,-

= (~a.c.. _x~.g.) (C~) = (0.560 _ 0.408) 1.50 = 0.228
\,;r cr e C e

= (0.956) (4.50)

- 4.30 per rad (based on Secc)

Step 2. Wing-body interference factors (Section 4.3.1.2)

KW(D) = 1.125}
KB(W) ::: 0.215 (figure 4.3.1.2-10)

~
-,

· -

~ ''''I'

•:
r
"

I
·
,
~ '-

~:.

Step 3. Pitching derivative CL for body (Section 7.2.1.1)
q

Q 77.20
d = 7.127 = to.83

(k2 - k1) = 0.947 (figure 4.2.1.1-20a)

Xl 25.0= = 0.324
£8 77.2

Xo = 0.55 (extrapolated using figure 4.2.1.1~20b)
£8

x{) = 42.46 ft

So = 81 = 39.88 sq ft

'.
I,',

25.0
::

7.127
= 3.508

= 0.535 (figure 2.3-5, ogive)

VN :: (0.535) (39.88) (25.0) = 533.4 cu ft

,- ,

~..
t--

t-
~, :
I~

f: •
ro---

~-

L_-.._.->."""".--'.'--·_.:...:.-::.-..~.;:_.~.:u.~ . ..:: __:....:..._:.:-_·.-:-.:.._ ...:z....~b........:.~":lt...:l-..:'lo...o.....,:\.......I.L......~~ _.!'._ •.:. _.:.._ __ ....-.....-.. __ .. ~_ ~_ _ , ~ • __ 0 _ it _. _ :.100._,_
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.~.
~.. ,

= (77.2 - '25.0) (30 .88) + 533.4

= 261 5.1 cu ft
I,.., .

'I-,

,
- ~

!

j

I
,I

"~1, I

I
j
I
I

i
I(equation 7.2.1.1-a)

0.434

(equation 4.2.1. I-a)

= 0.398 G:~~:) = 1.894 per rad (based on Sb)

43.70) =
77.20

V 2/3
B

Sb

= 2(1.894) (0.434)

.- 1.644 per rad (based on Sb 28 )

= 0.398 per rad (based on V0 2/3 )

2(0.947) (39.88)
=

189.8

= 4.467 per rad (based on the area and mean aerodynamic chord of the total
panel and referred to a moment center at cf4 of the total panen

= 3.46 + 1.007

= (U:- j + 0.215) (0.7113) (0.845) (4.30) + (1.644) (0.0963) (6.363)

V
0

2/3 ::: 189.8 sq ft

(I - ::) = (1 

(CLq). = 2(CL.). (1 - ~)

Solution:

,\

l
i, .

i., ., .
I.,

I

I' .

l!I

-. 7.3.1.1-6
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B. TRANSONIC

1
I
1

I

DATCOM METHODS

Method 1

C. SUPERSONIC

DATCOM METHODS

(J = 0.98M = 1.4

Given: Same configuration as sample problem of paragraph A

Sample Problem

The methods presented in paragraph A for estimating the pitching derivative CLq of a wing-body
configuration are also applicable to the supersonic speed range. Care should be taken to estimate
the contributions of the lifting panel and body at the appropriate Mach number.

The aerodynamic interference effects for slender wing-body configurations are relatively
insensitive to Mach number; consequently, the ~Iel\der-body interference factors of Section
4.3.1. 2 should give reasonable results. For nonslender configurations, transo nic interference
effects can become quite large and sensitive to minor changes in local contour.

It is recommended that the methods presented in paragraph A for estimating the pitching
derivative CL q of a wing-body configuration be applied to the transonic speed regime. Care
should be taken to estimate the contributions of the lifting panel and body at the appropriate
Mach number. The mterference factors should be obtained from paragraph C, Section 4.3.1.2.

The information included in the Datcom accounts for most of the mutual interferences that
occur between components of a wing-body configuration at supersonic speeds. These interference
effects have been accounted for by the slender-body interference factors of Section 4.3.1.2.
~,

~""

..., .'

At; tan ALE = 4.0

Step I. Pitching derivative C
L

for exposed panel (Section 7.1.1.1)
q

(J (eN a)e = 4.0 per cad (figure 4.1.3.2 ·56a)

"I
I'

I
i.
I.
I.

~~
~.~

!
f·

Compute:

tan ALE
= 0.816

7.3.1.1-7
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, "1
I

~'.,

· ,'.'

(c ) ::: 4.08 per rad
N C( e

('c:"'), = 0.67 (figure 4.1.4.2-260)

( :;CI·g')e ::: 0.408 (from planfoml geometry of exposed panel with e,g. at cf4 of total
panel)

I

.' :1
I
I
I
!

(equation 7.1.1. I-b)( ~)::: (X~'C'
C e e

.1," ,·,," ,:

!.,' •

i " "

7.3.1.1-8

(
XI •C, xc.g. ) (Cr ).. S - ~ c C e ::: (0.67 - 0.408) 1.50 = 0.393

{3 cot ALE ::: 1.225 (supersonic leading edge)

{3 Ae = 4.90

(c ') ::: 0 (figure 7.1.1.1-11 a)
L q e

::: 0 + 2(0.393) (4.08)

Step 2. Wing-body interference factors (Section 4.3.1.2)

KW(B) ::: 1.125 (figure 4.3.1.2-10)

{3d (0.98) (7.127)
-- ::: ::: 0.455
c 15.375Ie

t]
. I

, ..'j



e'

[13 (CNa)e (X., + 1) (: - 1)] = (0.98)(4.08) (1) (6.38 -- I) = 21.S1

3.90
K - = 0.181

B(W) - 21.51

Step 3. Pitching derivative C
L

for body (Section 7.2.1.1)
q

.. -. . .. . "1

= 77.2 - 25.0
7.~27

= 7.32

"
25.0

= = 3.51
7.127

'. =
0.98

3.51
0: 0.279

•

,- ...

Solution:

(CN0:)8 :::: 2.74 per rad (figure 4.2.1.1-21a, extrapolated)

(I - ~) = 0.434 (sample problem. oa_aph A)

:; 2(2.74) (0.434)

.- 2.378 per rad (based 011 Sb ~B)

(CL.)ws = IKW(., + K.rNll (:.) G·)(CL.). + (CL.). (:') (:.)
• (equation 7.3.1. I-a)

= (1.125 + 0.181) (0.7113) (0.845) (3.21) + (2.378) (0.0963) (6.363)

:::: 2.520 + 1.457

=3.977 per r~d (Lased on the area and mean aerodynamic chord of the total
panel and referred to a moment center at c/4 of the total panel)

,

• .. l" • .. ." ...

7.3.1.1-9
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7.3.1.2 WING·BODY PITCHING DERIVATIVE Cmq

The information contained in this section is for estlmatmg tne pitching derivative Cmq of
wing-body configurations at low angles of attack. The derivative Cm q is a measure of the
pitcning moment produced by rotatiQnal motion about a spanwise axis and is commonly referred
to as the pitch-damping derivative.

The Datcorn methods are based on the same assumption that was made in regard to the pitching
derivative CL

q
of a wing-body configuration, and the general discussion of Section 7.3.1.1 is

directly applicable here.

A.. SUBSONIC

Two methods are presented for determining the pitching derivative Cmq of a wing-body
configuration, differing only in their treatment of the mutual interference effects.

DATCOM METHODS

Method 1

For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the pitching derivative
Cmq , based on the area and the square of the mean aerodynamic chord of the total panel and
referred to a moment center at the assumed center of gravity or center of rotation, is given by

7.3.1.2-a

, .'

t .•

t'
· .'

",. ,

:'"

I.
'.

:~<

~
I.',

'.,

" '.

where

(Cmq)e is the contribution of the exposed panel to the pitching derivative Cmq , obtained
from Section 7.1.1.2. (See Sel.tion 4.3.1.2 for the definition of exposed surfaces.)

(Cmq)8 is the contribution of the body to the pitching d'ivative C1llq , obtained from
Section 7.2.1.2.

The remaining terms are defined in paragraph A of Section 7.3.1.1. Moment transfer calculations
are included as an integral part of the wing- and body-derivative estimation methods of Sections
7.1.1.2 and 7.2. 1.2, respectively.

Method 2

For wing-body configurations similar' to sketch (c) of Section 4.3.1.2, the pitching derivative
em q' based on the, area and the SQuare of the mean aerodynamic chord of the total panel and
referred to a moment center at the assumed center of gravity or center of rotation, is given by

7.3.1.2-1

~ .,
I'
I.
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. ' .t'.

~
I', .
~. .

~:: ~... ' .
:~. ~ ...
r..
~.. . .

where

(Cm q)w is the contribution of the total panel to the pitching derivative Cm q, obtained from
~ection 7.1.1.2.

The remaining tenns are defined in method I above and paragraph A of Section 7.3.1.1. Moment
transfer calculations are included as an integral part of the wing- and body-derivative estimation
methods of Sections 7.1.1.2 and 7.2.1.2, respectively.

Sample Problem
:.
' ...

.~)
I
i
I

Se = 294.50 sq ft

cr = 15.375 ft
e

Ce = 10.25 ft

Exposed Panel

Ae = 5.0 1I.e = 0

be = 38.37 ft

cr = 18.20 ft

S = 414.0 sq it

c = 12.133 ft

11. = 0

Total Panel

A = 5.0

iw :: 0

NACA 66-206 airfoil section

b = 45.50 ft

Wing Characteristics:

Method I

Given: Same configuration as sample problem of paragraph A, Section 7.3.1.1. The characteristics
are repeated belOW.

~: .....

I..

.' .

. .

Body Characteristics:

£N = 25.0 ft ~ = 77.20 ft d = 7.127 ft

The fonowing ratios based on total panel dimensions:

"

~. .••
..-..

Se
0.7113 (:' )' 0.7140= =S

~
0.0963 (;)' 40049- :: =S

7.3.1.2-2
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Additional Characteristics:

M = 0.60

~ = 0.80

Compute:

Xm = 43.70 ft (moment center at c/4 of total panel)

d
- = 0157b .

..
;.. ~..

..~ ~."

Step I. Pitching derivative Cm for exposed panel (Section 7.1.1.2)
q

.
ct = 6.19 per rad

a

(:). • 0.228 .
(sample problem, paragraph A. Section 7.3.1.1)

COl Ac/4 = 0.8576

tan Ac/4 = 0.600

B II: .JI - M2 cos2 Ac/4 • 0.8575

ftc) ]. -0.7 e.. cos Al' -, 11- 0.2 • -xa cl4

-... '.
• ~. 4 ..

.. ~.·...... ~. "',· ..,

... .

+ 1. (A.3
tan

2 Ac/4 ) + ! (equation 7.1.1.2-&)
24 A. + 6 cos ~4 8

I
~ .

5 1(0.228) + 2(0.228)2

• -0.7(6.19) (0.8576) 5 + 2(0.8576)

1 [ (5)' (0.6)2 J II·+ - +-
24 5 + 6(0.8576) 8

7.3.1.2-3
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· .

.. -3.72 [1.090 + _1 ( 45) 1]
6.715 24 10.146 + 8'

~. : :
~. ' .. ,

·
= -3.72(0.4721)

· .

= -1.96 per rad (based on Sec/)

. '~
I. ,

(-1.76)

~(Cm) ] (equation 7.1.1.2-b)r q M"'" 3.2 e

3
+ --

0.8575

+3

3
+

B

Ae 3 tan2 A
C

/ 4

Ae + 6 cos Ac/4

Ae 3 tan2 I\.c/4

A c B + 6 cos Ac/4

(
8.269)= 7.435 (-1.76)

(
4.77 + 3.499)

= 4.435+3 (--1.76)

=

~,
r···,..

~

i·',

ttl
r.
!:
I',
:;
'r' .

~
~. hi

~
f:
r .·.

:II
I· .,.......
~ , "' .

•·If.' ".,. , ' ..~/.... ~

r.-. :..
! ~ •
('. ~. ' ..

~:•.:
"'" .....

Step 2. Wing-body interference factors (Section 4.3.1.2)

KW(B) = 1.125 }
_ (sample problem, paragraph A, Section 7.3.1.1)

KB(W) - 0.215

~'. ',: .
~ ~ .... ~

~'~':
.... , .. l

Step 3. Pitchitlg derivative C for body (Section 7.2.1.2)mq

---------
, .·.'." -.
~ '. 
~.
~''"_..•'"........
I. .
,~ '.. .

~' .. '.

I- .· '.

.....--_.- xm-----

- 1~ L---+-- _
--,.<IIlI[~-~~ __--.-_-__l~

I I I I I I I n-, , ,' IT
o , Z 3 ~ ~ e 1 a v x "0
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Ax = 2.5 ft

From sample problem, paragraph A, Section 7.3.1.1:

(k2 - kl ) = 0.947

Xl = 25.0 ft

Determine (c )
mer B

VB = 2615.1 cu ft

Xo = 42.46 ft

,Sb = 39.88 sq ft

Ia,' •

~. .

~
«r.,.' .
f. ...

~
~ ..
•

"'."

d SlI dSx dSx
Station

AS ~-Ax (xm - 0:'- - (x - x) Ax
f-l IIlft 11 dx dx m

1 1.137 1.016 1.016 42.033 42.71
2 2.600 5.309 ".293 39.787 170.81
3 3.725 10.898 6.589 37.376 208.89
4 4.660 16.982 6.084 34.904 212.36
6 5.460 23.328 6.346 32.417 206.72
6 6.160 29.706 6.378 29.925 190.86
7 6,626 34.472 4.766 27.425 130.71
8 6.950 37.937 3.406 24.940 86.42
9 7.100 39.592 1.666 22.446 37.15

)(1 7,127 39.800 0.288 19.949 6.74

Xo 7.127 39.880 0 9.970 0

l"l ,~.

~ '.,
r.. " •

~. ....
x-a

(Xm - X) Ax = 1291

~ ~,, ',', :
I· "
~. ','..
l·· '
~. I =

2(0.947) (1291)

:615.1

dSx
(x - x) Ax (equation 4.2.2.l-a)

dx m

:; 0.935 per rad (based on VB)

I
1

I

I
I

1
I

... ,J

7.3.1.2-5

. '\. ...

= 0.794 per rad (based on ~~B)
0.935 (2615.1)

(39.88) (77 .2)

VB
== (0.935) ~~B ::

- .. is tllken to be • the t*nt8r of vclume of eKfl body MIJTIent.,. .

" .,.
r
~..",., .,....,.,
1"
f:

[..
~
~., ...
f
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• 4
~,,, ..l

I,

·l
.~

I

I

I

(equation 7.2.1.2-a)

~B

~ S(X) X ~X = 116,313

It"'O

(equation 7.2.1.2-b)= 44.48 ft
116,313

2615.1

= 0.849

(1 __ Xm)2 _ ..2_ (Xc _ xm)
,Qs Sb QB ~B QB

VB

SbQS

2615.1

(39.88) (77.2)
=

Determine Xc

d S(K)

Station ft sq ft XO S(xl )( tox
f------- -

1 1.137 1.016 1.667 4.23

2 2.600 5.309 3.913 51.94

3 3.725 10.898 6.324 172.30

4 4.650 16.982 8.796 373.43

5 5.450 '23.328 11.283 658.02

6 6.150 29.706 13.775 1023.00

7 6.625 34.472 16.275 1402.58

8 6.950 37.937 18.760 1779.24

9 7.100 39,592 21.254 2103.72

10 7.~27 39.880 23.751 2367.97

~ 7.127 39.880 61.100 106.377.

~ - ::) = 0.434 (sample problem, paragraph A, Section 7.3.1.1)

.;.r..
~ -

.-

'x ia taken to be at the cent.r of volume of .....'"h bOdy .."ent. ,
I
I

I
I
i
I

1

J.b. "

[

(0.434)2 - 0.849 (44.48 --±3.70)J
:= 2(0.794) 77.20

0.434 - 0.849

. . .
• b ... ·44-4 _'" •.~ -.,j .....:•.'.....a. ••

7.3.1.2-6
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11
r<:
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~
r.
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~
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,.,
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1,-,

I ,

~.
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~-

= 1.59 [~188~ - 0.849 (0.0101)]
-0.415

= 1.59 (~798)
-0.415

;: -0.689 per rad (based on Sb~B 2)

Solution:

(Cm q)w. = [KW~) + K.(W) )(:.)(:.)' (Cm q). + (Cm '). (:b)(;)'
(equation 7.3.1.2-a)

= (1.125 + 0.215) (0.7113) (0.7140) (-1.96) + (-0.689) (0.0963) (40.49)

= -1.334 - 2.687

= -4.021 per rad (based on the area and the sqaare of the mean aerodynamic
chord of the total panel and referred to a moment center at cf4
of the total panel)

B. TRANSONIC

The comments of paragraph B of Section 7.3.1.1 are directly applicable here.

DATCOM METHODS

It is recommended that the m~tr.ods presented in paragraph A for estimating the pitching
derivative em q of a wing-body configuration be applied to the trlinsonic speed regime. Care
should be taken to estimate the contributions of the liftin6 panel and body at the appropriate
Mach number. The interference factors should be obtained from paragraph C, Section 4.3.1.2,

C. SUPERSONIC

The comments of paragraph C of Section 7.3.1.1 are directly applicable here.

DATCOM METHODS

The methods presented in paragraph A for estimating the pitching derivative Cmq of a wing-body
configuration are also applicable to the supersonic spee.<.i range. Care should be taken to estimate
the contributions of the lifting pane! and body at the apPiopriah:: Mach number.

7.3.1.2-7
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•
Sample Problem

.. Method 1

Given: Same configuration as sample problem of paragraph C, Section 7.3.1.1 and paragraph A of
this section.

~' "..
,.: ",.
~,

~ M ;;;; 1.4 ~ == 0.98

'I.'J

Compute:

. '

Step 1. Pitching derivative C for exposed panel (Section 7.1.1.2)rn q

-{3 (C ') = 1.018 per rad (figure 7.1.1.2-10a)
rn q e

(; t = 0.393

.... 1

1

(sample problem paragraph C, Section
7.3.1.1)

Ae (3 = 4.90

{3 cot ALE = 1.225 (supersonic leading edge)

, ...
~ ..- ',.

1-·, •

I~ " .. '
( ' ...
i' .. '
I:: :.:

r·•
l

, ........t

I .

~
L. ,
r " '
r-:,"
~.,:- '

~
~., :.>
~ .. , "

~ :.. .
.". I

~... .'

~:.'.. ,<

, '

-,
'. ," ,
:"'.
~', ,."
l. "....> .

~ . "

t- .-'
....~"' .-... ,' :.
~" -

(c ) = (C ') (X) (C ) (equation 7.1.1.2~)
m q e m q e - C e L q e

= -1.039 - (0.393) (3.21)

Step 2. Wing-body interference factors (Section 4.3.1.2)

= 1.125 }
(sample problem, paragraph C, Section 7.3.1.1)

= U.HSl
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Step 3. Pitching derivative C for body (Section 7.2.1.2)rn q

..

fN :: 3.51

fA/fN ::; 2.09

13 :: 0.279
fN

(c ) = 2.74 per rad
No B

(sample problem, paragraph C, Section 7.3.1.1)

( - ::) = 0.434

x = 44.48 ftc
••

1

-

:- "- ,

.-

• ~B
=

- 0.849

= 0.195

43.70

77.20

(sample problem, paragraph A)

(figure 4.2.2.1·1'8a, extrapolated)

= 0.566

.~

= (0.566 -- 0.195) 2.74

::; 1.017 per rad (based on Sb ~B)

:: 2(C )
rna B

VB (Xc
Sb2. 2"

VB
Sb£O

(tquation 7.2.1.2-a)
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= 2 17 [(0.434)2 -_(0.849) (44'4~7-.;~3.70)]
(1.0 ) 0.434 _ 0.849
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(
0.1798)

= 2.034 -0.415

= -0.881 per rad (based on Sb~B :1)

Solution:
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(equation 7.3.1.2-a)

= (1.125 + 0.181) (0.71 13) (0.7140) (-2.301) + (-0.881) (0.0963) (40.49)

== --1.526 - 3.435

= -4.961 per ra.:i (based on the area and the square of the mean aerodynamic
chord of the total panel and referred to a moment center at c!4
of the total panel)
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7.3.2.1 WING·BODY ROLLING DERIVATIVE CYp

This settion presents methods for estimating the wing-body contribution to the rolling deriva
tive Cy at subsonic and supersonic speeds. This derivative is the change in side-force coefficient with
change i~ the wing-tip helix angle.

A. SUBSONIC

Experimental evidence indicates that the effect of the fuselage on the side force due to rolling is
negligible throughout the angle-of-attack range up to the stall. Therefore, the method of Section 7.1.2.1
for estimating the wing-alone derivative at subsonic speeds is also applicable to wing-body configurations.
Available test data are limited to wing-body configurations with body diameters less than about 30
percent of the wing span. Therefore, the application of the wing-alone method is limited to values
of d/b EO; 0.3.

The method consists of determining the value of Cy at zero lift and extrapolating this result to high
lift coefficients by using experimental values of lift a~d drag at high lift coefficients. The method also
includes the effect of geometric dihedral.

DATCOM METHOD

The variation of the wing-body rolling derivative Cy with lift coefficient at subsonic speeds is
obtained by using the method of paragraph A of Sectfun 7.1.2.1. In using this method experime'ntal
values of wing-body lift and drag are used in evaluating the dimensionless correction fjictor K. This
method is limited to configurations with body diameters less than about 30 percent of the wing span,
i.e., d/b EO; 0.3.

If experimental wing-body lift and drag data are not available, wing-alone test data may be used. If
experimental lift and drag data are not available, no attempt should be made to extrapolate the zero-lift
value to higher' lift coefficients. The negligible importance of the derivative does not W2:-rant the
complexities involved in estimating the lift and drag characteristics. Furthermore, no knov/n general
method for estimating the variation of the drag coefficient will give results reliable enough to use in
determining the corfl~ction factor for extrapolating the potential-flow values to higher lift coefficients.

The sample problem presented at the conclusion of paragraph A of Section 7.1.2.1 iIIustrz.tes the use of
this method.

B. TRANSONIC

No generalized method is availabfe in the literature for estimating transonic values of the rolling
derivative Cy p' Furthermore. no known experimental results are available for this derivative at transonic
speeds.

C. SUPERSONIC

No generalized method is available in the literature tor estimating the effect of the fuselage on the
rolling derivative Cy p'

For the purposes of the Datcom the fuselage effect is considered to be negligible for wing-body

7.3.2.1-1
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configurations with body diameters less than abor~ 30 percent of the wing span. Therefore, for
configurations with d/b <; 0.3 the wing-body rolling derivative Cy p is estimated by the wing-alone
method of paragraph C of Section 7.1.2.1.

No known experimental data are available for this derivative at supersonic speeds. Therefore, the validity
of ~he DatcolTl applicatlOn canno. be determined.

DATCOM METHOD

The wing-body rolling derivative Cy p at supersonic speeds and at low values of the lift coefficient is
obtained by using the method of paragraph C of Section 7.1.2.1.

This method is limited to configurations with body diameters less than about 30 percent of the wing
span, Le., d/b ~ 0.3.

The sample problem at the conclusion of paragraph C of Section 7.1.2.1 illustrates tne use of this
method.
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7.3.2.2 WING·BODY ROLLING DERIVATIVE C1p

This section presents methods for estimating the wing-body contribution to the rolling derwative C/p at
subsonic and supersonic speeds. This derivative is the change in rolling-moment coefficient with change
in the wing-tip helix angle and is commonly referred to as the roll-damping derivative.

A. SUBSONIC

Experimental evidence indicates that in general f~r configurations with the ratio of maximum body
diameter to wing span less than about 30 percent, i.e., d/b < 0.3, the effect of the fuselage on the roll
damping is negligible over the angle-of-attack range up to the stall. Therefore, the method of Section
7.1.2.2 for estimating the wing-alone derivative at subsonic speeds is applied in this section to estimate
the wing-body roll damping at subsonic speeds.

The method consists of fll'St determining the value of C/p at zero lift based on simplified lifting-surface
theory, then assuming that variations in the Iift-curve slope will affect C, in the same proportion
as CL9" and fin,ally accounting for the drag associated with the additional lift on the outer portion of
the wmg resulting from flow separation and the attendant formation of a stable leading-edge vortex. The
method also accounts for geometric dihedral..

The Datcom method accounts for the variations in wing-body lift-curve slope, drag due to lift, profile
drag, and the effect of dihedral. The method requires knowledge of the variation of lift and drag over
the angie-of-attack range to the stall. Therefore, the method is quite rl1dily applied if experimental lift
and drag data are available.

This method is restricted to confIgUrations with Vallle5 of d/b < 0.3.

Although all the bodies of the wing-body configurations analyzed were bodies of circular cross section,
the method should give reasonable values for configurations with noncircular cross-section bodies,
provided reliable values of the wing-body lift-curve-slope variation are available.

DATCOM METHOD

The variation of the wing-body rolling derivative C~ with lift coefficient at subsonic speeds is obtained
by using the method of Paragraph A of $e(,.1ion 7.1.2.2. In using this method experimental values of
wing-body lift and drag are used in evaluating the variations of lift-curve slope and profile drag.

The limitations of the method as applied to wing-alone configurations are equally applicable to the
method when applied to a wintbody configuration.

A comparison of the roD-damping derivative calculated by using this method with test results is
presented as Table 7.3.2.2-A. Experimental values of wing-body lift and drag have been used in
evaluating the roll-damping derivative of aU the confl8Ur3tionl listed in the table.

If test data for wing-body lift and drag are not available, the wing-elone result should be used for tne
wing-body roll damping of configurations with <lib < 0.3. In this case wing-elone test data are preferred,
but if they are not available,the wing-elone lift and drag should be estimated as outlined in Section 7.1.2.2.
The Datcom methods for estimating the wing-body lift and drag variations with angle of attack have not
been substantiated and, therefore, should not be used in evaluating the wing-body roll damping.

7.3.2.2-1
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The sample problem presented at the conclusion of Paragraph A of Section 7.1.2.2 illustrates the use of
this method.

B, TRANSONIC

There are no reliable methods for estimating the deri':ative qP' in the tran;ronic region. Although th.is
derivative might be expected to vary with Mach number in the sam~ manner as lift-eurve slope, this
trend is not exhibited by experimental data. A considerable quantity of Wing-body test data is available,
however, and reference should be made to Table 7-A.

C. SUPERSONIC

..J
I

,
J
!
I

~: '.
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Reference I presents a linear-theory method for estimating the roll damping of thin supersonic
\tlading-edge triangular and rectangular wings mounted on cylindrical bodies. The roll damping of thin
subsonic-Ieading-edge triangular wings mounted on cylindrical bodies :s presented in Reference 2 based on
slender-wing theory. These theoretical results show that for most of the range of variables the net effect
of the body is to decrease the roll damping. The body effect is small for body diameters less than about
30 percent of the wing span (d/b ~ 0.3) for both triangular and rectangular wing configurations.
However, the body effect increases rapidly as the ratio of body diameter to wing span ;&lcreases beyond
this vaiue. Unfortunately, at the higher values of d/b the theory does Got show the same trend with
Mach number for the body effects of configurations with triangular and rectangular wings. At these
higher values of d/b the body effect increases with increasing Mach number for configurations with
rectangular wings; whereas, the body eff~ct decreases with increasing Mach number for configurations
with triangular wings. Therefore, at higher values of d/b the theoretical results for triangular and
rectangular wings cannot be applied to indicate the genera! trend of the body effect for configurations
with other planforms.

',~'

~" .,
"ill. ,_

.. ' .
~. '-.:
~ ~ ..

The Datcom uses a design chart, based un the theoretical results of References I and 2 and a limited
amount of experimental data, to account fOj' the effect of a circular body on the roll damping of a
wing-body configuration at zero lift. This chart is applicable to all straight-tapered wing configurations at
values of d/b ~ 0.3, but is restricted to triangul r wing configurations at higher values of d/b.

DATCOM METHOD

The wing-body roll-damping derivative at supersonic speeds, based on the product of the wing area and
the square of the wing span Sw b~ , is gi'len by

w~ere (Clp)w is the wing contribution to the roU-damping derivative at' supersonic speeds, obtained by
usmg the method of Paragraph C of Section 7.1.2.2, including the effects of wing thickness, and

-.
'~

7.3.2.2-a(per radian)

is the semiempirical body-correction factor obtained from Figure 7.3.2.2-13 as a
function of tht; ratio tJf maximum body diameter to wing span and the Mach
number normal to the leading edge.
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Sample Problem

No experimental d;:;h alc presently available to substantiate the theoretical results of Reference I for
rectangular \'/ing,u\).;ly :;onfigurations with values of d/b > 0.3.

As noted (l 0<. ~;:, the triangular- and rectangular-wing results of References 1 and 2 at values
of d/b > 0.3 i..iliinot be used to indicate the general trend of the body effects for other planforms.

A=:OA = 4.05

(Figure7. 1.2.2 ·25a)

M :::: 1.92; {3 = 1.639

Ac/ 2 =: 26.70

= - 0.0505 per rad
A

(C. )
P theory

Airfoil: Hexa~on, ~1 = 4.90

A tan A
c

/
2

= (4.05) (tan 26.70 ) = 2.04

d/b =: 0.20

ALE:::: 44.90

(3A = (1.639)(4.05) = 6.64

Compute:

A triangular wing-body configuration of Reference I4.

Experimental results f(~ ,,'oded in Rderence 15 for triangular wing-body configurati::-ns
with d/b ~,' 0.4 and 0.6, itnd for subsonic, sonic, and supersonic leading edges, show good agreement
with the values given by F'!,;uft;; 7.3.2.2-13.

Figure 7.3.2.2-13 is applicable to aU ~1raight-tapei'ed wing confIgUrations with circular bodies over the
range 0 " d/b ~ 0.3. For values or Jib ~ 0.3 this chart is applicable only to configurations consist
ing of triangular wings mounted 0,' ~yli;1(irical bodies.

The slJpersonic roll-damping derivative m the linear-lift range calculated by this method is compared
with test r~sults in Table 7.3.2.2-B. Although all confirurations listed in Table 7.3.2.2-B have cylindrical
bodies, the method may be applied to configurations having bodies which are not true cylinders, but
which are almost cylindrical.
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(3 cot Au; = (1.639)(cot 44.90 ) 1.642 (supersonic leading ~dge)

".
'.
"
'.
'.

tan ALE

{3
=

tan 44.90

1.639
= 0.608

.
~' .
,.
...
I

"I, '

'.'

C/
-----'p'---- = 0.970

(Clp) theory

(l:<igure7 .1.2.2~27)

_ ... ' ..
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Solution:

= 0.970 (Figure7.3.2.2 -13)

. .
. .. J

r.. '

,

t-, .'

I. -- :: [-0.0505] (4.05) (0.970)

(Equation 7.1.2.2-d)

,
~ . .'.,' ..,. = -0.198 per rad

= -0.192 perrad (based on Sw~)
~,.:~

I
:
I

I
I

I
I

!

(Equation 7.3.2.2-a)
c.

'p

(-0.198) 0.970

This compares with a test value of -0.182 per radian from Reference 14.
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TABLe 1.3.2.2·A

DATA SUMMARY

SUBSONIC WING-800Y ROLLING Dt;AIVAT/VE Cl
p

I I CL C, C,
p p •Acl4 Airloil r d Al Test Co Calc. Test P.cent

x 10-6 CL
0

Rot. A A (degl Section (degI b M (per degI Test (per rlld) (per rlIdl error

4 4.0 0.60 4!S.0 65AOO6 0 0.139 0.85 3.44 0 0.116 0.011 -D.317 -0.:Dt 4.3

I
I I I I I 0.1 I -0.317 -0.310 2.3 II

I I 0.2 -0.316 -0.320 - 1.3

0.3 0.121 -0.328 -Q.3Cl - 4.'

I 0.4 0.127 -0.3"2 -0.358 - 4.5

0.5 0.120 -o.3'S I -0.316 0.9

0.6 0.102 -0.266 I -0.232 14.7

, 0.7 0.0255 -0.053 I -c. '175 -99.7

0.76 0.020 -0.035 -0.175 -80.0

0.70 3.10 0 0.062 0.011 -0.314 -D.315 - 0.2

0.1 -0.314 -0.325 - 3.4

I
(1.2 -0.313 -0.340 - 7.9

0.3 -0.312 -0.366 -12.4

I
0.4 I 0.066

I
-0.324 -0.363 -lC.7

1
0.5 0.066 -0.320 -o.3CO - 4.4,
0.75 0.032 -0.142 -0.175 -18.9

5 2.31 0 52.4 65AOO3 0 0.183 0.50 3.60 0 0.0463 0.008 -0.176 -0.180 - 2.2

I I 0.1 0.0463 -0.175 -0.195 -70.3

I I
0.2 0.056

I
-0.209 -0.200 4.5

I j I 0.3 0.0615 -0.225 -0.200 12.5 I

0.4 0.066 -0.197 -0.195 1.0

If , I 'l.5 0.061 -0.170 -0.184 - 7.6
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TAliLI 7.12.2-A lCONTOt

, ...' .

...,
iN
~

~

~ C, c,.,
"I Coo

., •1.0/4 Airfoil r d T.. CIIc. Tilt ' • .-nt- CL"ef. A A Idlit SeaIIon Idlit It M • to-e I.,. dIIt T_ 1...,.- I.,.. Enor

1 2.31 0 12.4 IIAOO3 0 0.113 0.10 180 0.' • OJMI 0.001 -o.t37 -0.112 - i.l

I I 1 J I I I I 0.7 O.Cllt -0.147 -- -
0.1 O.Cllt -0.132 -- -

4.0 0 3U IIAOOI 0 0.1. 0.10 2.10 0 0., -0.217 -0.280 - 1.2

0.1 -0.217 -0.256 0.8

0.2 -0.2151 -0.247 11

0.3 -0.25S -0.224 t18

0.4 0.013 -0.220 -o.llt2 14.8

0.1 0.CMC1 -0.1. -0.110 25.3

0.' 0.031 -0.111 -0.110 4O.i

0.7 O.a:. -0.134 - --
0.1 0.Ot4 -0.044 - --

• 10 0.80 35.0
_....

0 0.12' 0.70 4.21 0 O.GII 0.007 -0.270 -0.282 - 4.3

0.1 -0.270 -0.272 - 0.7

0.2 -0.2. -0.280 - 19

0.3 -0.267 -0.282 - S.3

I
OA -0.285 -0.305 -13.1

0.1 -o.28Z -- -
0.' -0.258 -- --

7 180 0.451 38.18 001044 0 0.087 0.18 1.138 0 0.055 0.018 -0.271 -0.267 1.5

O.t

t
-0.271 -0.253 7.1

0.2 -0.270 -0.296 - 8.5

0.3

:: I
-0.294 -0.300 - 2.0

0.4 -0.286 -0.305 - 6.2

0.5 0.068 I -0.284 -0.302 - 6.0

0.6 0.0525 -0.249 -0.257 ' 3..1
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Airfoil l' d Test ellle. Test Percent- Cl
0

Ref. A ~ (degl SKtion (deg) b M x 10-6 (perdeg) Test (per ..-dl (per rall Error

8 2.61 1.00 ~.O 001211lEI 0 0.178 0.17 1.40 0 0.049 0.029 -0.218 -0.215 I 1.4

1 I 0.1 I -0.218 -0.210 3.8

0.2 -0.216 -0.212 1.9

!
0.3 -0.213 -0.215 - 0.9

0.4 I -0.209

I
-0.223 - 6.3

I
0.5 -(1.204 -0.233 -12.4

0.6 -C. 198

I
-0.248 -20.2

I
I I 0.7 0.061

1
-0.241 -0.275 -12.4

It 0.8 0.077 -<l.3J5 -<J.3JO - 7.6

9 2.31 I 0 52.4 65AOO3 0 0.123 0.17 2.06 0 0.044 0.011 -0.170 -0.155 8.8 I

I I 0.1

1
-0.171 -0.156

I
9.6 I

0.2 -0.166 -0.166 0.6 I

I 0.3 0.0465 -0.171 -0.165 I 3.6

0,4 0.048 -0.170 -0.167 I 1.8

•0.5 f 0.050 -0.189 -0.163 3.7

0.6

1
-0.158 -0.161 - 1.9

0.7 -0.145 -0.155 - 6.5

Oli 0.044 -0.124 -0.156 -20.5

0.247 0 0.044 0.020 -0.171 -0.130

I
31.5

0.1 -0.170 -0.136 25.0

0.2 -0.167 -0.140 19.3

0.3 -0.162 -0.1:11 16.5

,

I I
0.4 -0.156 -0.134 16.4

l I
0.5 0.046 -0.154 -0.131 17.6

0.6 O.<MG -0.144 -0.136 5.9
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CL c,p C

Acl4 RI Co
p •Airfoil r d T.. C*- T.. '.cent

(d", Section (dill M .1o-e CL (~~
0

(per'"Ref. A A b T.. (per rldl Error

9 2.31 0 52.4 65AOO3 0 0.247 0.17 2.01 0.7 O.O4l5 0.020 -0.127 -0.143 -11.2

t I I t 1 I 1 1 ~ 0 .. 0.0411 I -0.088 -0.144 -31.3

10 4.0 0.6 0 8&AOOI 0 0.111 0.1ee 0.81 0 0.088 1).031 -0.318 -0.330 - 16

0.1

I
-0.318 -0.3:11 - 5.9

0.2 -0.318 -0.368 -10.7

0.3 -0.317 -0.371 -14.6

0.4 0.011 -0.328 -0.371 -12.1

0.1 0JNS3 -0.311 -0.380 -12.5

0.. O~ -0.238 -0.322 -26.7

0.7 0.G24 -0.014 -0.150 -37.3

11 5.90 0.473 - 3.47 63-210 3.0 0.127 0.17 0.73 0 0.077 0.078 -0.388 -0.370 7.0

0.1 j -0.388 -0.372 6.5

0.2 -0.31& -0.380 3.9

0.3 0.072 -0.370 -0.375 - 1.3

0.4

1
-0.370 -0.370 0

0.1 -0.388 -0.378 - 2.4

0.8 0.G873 -0.345 -0.3115 ":10.4

0.7

1
-0.344 -0.386 -10.9'

0.. -0.343 -0.375 - 8.5

12 4.0 0.6 32.6 65AOO6 0 0.139 0.6 0.62 0 0.0&8 0.011 -0.313 -0.345 - 9.3

I
0.1 0.066 -0.313 -0.350 -10.6

0.2 0.070 -0.332 -0.363 - 8.5

j
0.3 0.0725 -0.342 -0.395 -114

0.4 0.075 -0.352 -0.380 - 7.4

0.5 0.061 -0.284 -0.290 - 2.1



':.or;:'·- "':'.;: .:?/, .'.~.'; :', :~~,I e; ,~,:" '.'~ ,,~~,~::',~",:':.-:':.~~.;~;/?:.~'~ ~.-:jQ[7::~·~:~·~~~?-.~~:":")·~--~~·~.~-~~~'·~, :~.~:7:.-,;.:·:c.:-r·~~.r---'"

i
I·
r

[

!
~

f
f
f
~'

~.

..

"..

..

~
~
!'J
~.-
o

TABLE 7.3.2.2·A (CONTOI

CL c, C/

Rl COO
p p e

!I.cl4 Airfoil r d Test C*. Test Percent-
l( 10-6 CLRtf. A A' (degI SlICtion (degl b M (perdeg) Tr.t (per rad) (per (ad} Error

~- --
13 2.31 0 52.2 1","8,-- 0 O.17e 0.13 1.624 0 0.042 0.020 -0.172 -0.171 0.6

0.1

I
0.042 I -0.171 -0.189 1.2

0.2 0.045 -0.180 -0.113 4.0

0.3 -0.175 -0.184 - 4.9

I 0.4 -0.168 -o.1!S4 - 8.1 I

0.5 -0.160 -0.H7 - 9.6

I 0.8 0.040 -0.129 -0.174 -25.9
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TABLE 7.3.2.2-8

SUPERSONIC WING-BODY ROLLING DERIVATIVE C1
P

DATA SUMMARY

f
~
I
r
~
l
~
I

;-J
~
N

t-;-J

! e'pt/b -0

Ct C1 C,p
p p e

ALE d Airfoil 61 Calc.
(C1p)dlb -0

C8Ic. T_ P.c.nt-
Ref. I A A IdllQ) b M P cot ....LE Section ldllQ) (per rwl) (perrai) (per rat) Error

14 1.47 0 I 39.8 0.23 1.62 0.489 Heugem 49 -0.137 1.000 -0.137 -0.128 7.0,
~ l I t I

r

* 1..92 0.603 I -0.131 1.000 -0.131 -0.119 10.1

1.86 0 65.0 0.19 1.62 0.577 I -0.168 1.000 -0.188 -o.l113 3.1

1 I I ~ ~ 1.92 0.743 ! -0.151 1.000 -0.151 -<l.I45 4.1i

2.13 0 61.5 0.19 1.62 0.692 I
! -0.184 1.000 -0.184 -0.179 2.8

,
~ ! ~ l !

1.92 0.890 -0.164 1.000 -0.164 -0.158 3.8

2.38 0 59.5 0.19 1.62 0.751 -0.183 1.000 -0.193 -0.178 8.4

*
t i

*
1.92 0.965 -0.180 1.000 -0.180 -0.150 20.0

I 2.00 0 56.9 0.19 1.62 I 0.830 -1).204 1.000 -0.204 -0.198 3.0

• ~
I

~* 1..92 1.070 -O.l8-t 1.000 -0.184 -0.175 5.1

2.85 0 54.6 0.'8 1.62 0.905 I j -0.219 1.000 -0.219 -0.194 12.9

~ + ~ + 1.92 U60 I -0.185 0.880 -0.181 -0.169 1.1

3.Ofi 0 52.4 0.19 1.62 0.980 -0.229 1.000 -0.229 -0.211 8.5

3.38 0 49.7 0.18 1.62 1.080 -0.236 1.000 -0.236 -0.221 68

•
! + ~ 1..92 1.390 -1>.189 0.980 -0.184 -0.182 1.1

3.91 0 45.4 0.20 1.92 1.619 -0.1119 0.970 -0.193 -0.181 6.6

4.06 0 44.9 0.20 1.62 1.280

!
-0.248 0.97<.' -0.241 -0.234 3.0

i , l ~ I 1.92 1.642 I -0.198 0.970 -0.192 -0.182 5.5

,'fIr, 0 0.26 1.62 00 Circuler 6.8 -0.259 0.945 -0.244 -0.260 - 6.2

•
Are I

II

I
C.t9 1.92 I

j
-0.235 0.975 -0.229 -o.2~2 - 5.~

I !I 2r I't a 0.26 1.62 -0.328 0.945 -0.310 -0.313 - 0.5

1 I, 0.19 1.92 -0.280 0.915 -0273 -0.213 0
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N

N ". I I r I l c I .~- . (C/p)dlb. 0~..) Jp c. c, 'J.I p p e I ,jAirfoil 61 Calc.
\'P)dfb: 0

Celc. Test Perc.nt '
Ref. , A ;. _ ~"_I. --" .. ~. _M_, ~-':'LE+- ....... (deg) (P4r ,el (1* r.:li lper redl Error I

-- .~

15 3.70 1.00 1.,., i ::, I ~T
16.6 -0.374 0.975 -0.3&4

I
-0.346 5.2 j

I j j
-0.388 0.975 -0.381 -<1.355 9.0

I
.!

1
-0.423 0.975 -<1..$12 -0.360 14.4

I -<1.457 0.975 -<1.450 I -<1.370 19.0! 1.30

3.70 1.00 45.0 0.191 i 1.60 1.25 66AOO9 16.6 -<1.304 0.975 -0.296 I -0.300 - 1.3 J
I l j

I I ,I
1.50 1.12 , -0.308 0.975 -0.300 -<1.300 0 I

1 I
I

I
..

1
I 1-'C14 1.00 -0.302 1.000 -0.302 -0.265 14.0 ·1
~ 1.30 OB3 -0.312 1.000 -0.312 -<1.311 0.3

',1
I ~

16 I I 45.0 I 0.40
I

Symnwtrical ! J,4.0 I 0 I 1.485

j
1.097 3.24 -0.280 OB15 -0.228 -0.220 3.6

I 0.60 I I nou..~ I I I- 4.5
~

I Wedge 0.530 -0.14 -0.155 jI0.40 1.414 I 1.00 -0.309 0B45 -0.261 -0.233 12.0

1 ~
,j

I j
I 0.60 I 0.560 -0.170 -0.210 19.0

~I

0.40 1.05 0.319 -o.J80 0.970 -0.378 -<1.278 36.0 ,!
l I 0.60 I ~ ~ 0.675 -0.256 -0.212 2O.S

t
45.0 i I

17 4.0 I 0 020 1.60 1.25 He,...,.. 4.9 -0.246 0.570 -0.238 -0.241 I - 1.?

I
1.50 1.12 I -0.271 0.970 -<1.263 -0."'51 I 4.8

t 1.40 0.98 I -0.302 1.000 -0.302 -0.264 I ;4.4,
t

i
1.JO 0& -<1.315 1.000 -0.315 -4.1.279 I

72.9

~ ! 1I 1.20 0.663 -0.344 1.009 -C.3oM -<1.296 162
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7.3.2.3 WING·BODY ROLLING DERIVATIVE Cnp

This section presents methods for estimating the wing-body contribution to the rolling derivative Cn p at
subsonic and supersonic speeds, This derivative is the change in yawing-moment coefficient with change
in wing-tip helix angle.

A. SUBSONIC

Experimental evidence indicates that the effect of the fuselage on the yawing moment due to rolling is
negligible throughout the angle~f-attack range up to the stall. Therefore, the method of Se:::tion 7.1.2.3
for estimatmg the wing-alone derivative at subsonic speeds is also applicable to wing-body configurations.
Available test data are limited to wing-body configurations with body diameters less than about 30
percent of the wing span. Therefore, the application of the wing-alone method is limited to values
of d/b ~ 0.3.

The method consists of determining the value of Cn at zero lift and extrapolating the result to high
lift coefficients by using experimental values of lift Ind drag at high lift coefficients. The method also
includes the effect!; of wing twist and symmetric flap deflection.

DATCOM METHOD

The variation of the wing-body rolling derivative Cn with lift coefficient at subsonic speeds is obtained
by using the method of Paragraph A of Section 1.1.2.3. In using this method experimental values of
wing-body lift and drag are used in evaluating the dimensionless correction f:Jctor K. This method is
limited to configurations with body diameters less than about 30 percent of the wing span, i.e.,
d/b ~ 0.3.

If experimental wing-body lift and drag data are n~LaYailable, wing-alone test data may be used to
determine the wing-body rolling derh'ative CnP' No attempt should be made to extrapolate the zero-lift
value to higher lift coefficients using estimated lift ane': drag results. No known general method for
estimating the variation of drag coefficient will give results reliable enough to use in determining the
correction factor for extrapolating the potential-now values to higher lift coefficients:

The sample problem at the conclusion of Paragraph A of Section 7.1.2.3 illustrates the use of this
method.

B. TRANSONIC

No generalized lr.ethoC: is available in the literature for estimating transonic values of the rolling
derivative Cnp ' Furthermore, no known experimental results are available for this derivative' at ~ransonic

speeds. ~

C. SUPERSONIC

No generalized method is available in the literature for estimating the effect of the fuselage on the
rolling derivative Cn p at supersonic speeds.

For the purpose of the Datcom the fuselage effect is considered to be negligible for wing-body
configurations with body diameters less than about 30 percent of the wing span. Therefore, for

7.3.2.3-1
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configmations with d/b ~ 0.3 the wing·body rolling derivative Cnp is estimated by the wing-alone
method of Paragraph C of Section 7.1.2.3.

No known expcrimentai data are available for this derivative at supersonic speeds. Therefore, the validity
of the Datcom ap:,lication cannot be determined.

DATCOM METHOD

The wing-body rolling derivative Cnp at supersonic speeds in the range of lift coefficients for
wluch Cnp varies linearly with CL is obtained by using the method of Paragraph C of Section 7.1.2.3.

This method is limited to configurations with body diameters less than about 30 percent of the wing
span, i.e., dfb ~ 0.3. <0.'

,
-,
-J
I
1

I

I
I

t • 7.3.2.3-2

~.....................__~ _' • ' ......:.11 .... 'M '. -.-.....-....L.... .eJ.." • '. ,_~._.~'-



r~ ...~-- ... --:' .... ,- -.•-~ -................----.- ..... ~~ ..... --- .. ~-.... '-----.".- '.-.'- .".~'.

h. .•

,.:~.-

___ --..' , -.j _~ "'_., _~ ,'"1" -or- ,.. - .."!!'- .,., :.-·,--,'If" ·lJ--~·-.,:'!l"-:j

. '!

ReYilod September 1970

7.3.3 WING-BODY YAWING DERIVATIVES

7.3.3.1 WING·BODY YAWING DERIVATIVE Cy f
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This section recommends methods for estimating the wing-body contribution to the. yawing
derivative. Cy f at subsonic speeds. However, at subsonic, transonic, and supersonic speeds no
generalized methods are available for estimating the wing-body contrihution to the yawing
derivative Cy f' This derivative is the change in side-force coefficient with variation in yawing
velocity.

A.• SUBSONIC

Experimental evidence indicates that the effect or the fuselage on the side force due to yawing is
negligible throughout the angle-of-attack range up to the stall. Therefore, the recommendations
of Section 7.1.3.1 for estimating the wing-alone derivative at subsonic speeds are also applicable
to wing-body configuration!',

The recommendations of Section 7.1.3.1 consist of using available experimental data, when
applicable, or the method of reference I to estimate Cy f'

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the
wing-body contribution to the yawing derivative Cy f' Furthermore, there is a scarcity of
experimental data for this derivative at transonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the
wing-body contribution to the yawing derivative Cy (' Furthermore, there is a scarcity of
experiment;!.! 1ata for this derivative at superson(c speeds.

REfERENCE

1. Toll, T. A., and aueiio, M. J.: Approximate Aelltions and Charu for Low-5pt1d 5t1lbility Deri,'ativeJ of Swept Wings, NACA
TN 1581.1948, lUI
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7.3.3.2 WING·BODY YAWING DERIVATIVE. elr

This section presents a method for estimating the wing-body contribution to the yawing
derivative Clr at subsonic speeds. However, at transonic and super"onic speeds no generalized
methods are available for estimating the wing-body contribution to the yawing derivative Cl, .
This derivative is the change in rolling-moment coefficient with change in the yawing velocity.

A. SUBSONIC

Experimental evidence indicates that the effect of the fuselage on the rolling moment due to
yawing is negligible. Therefore, the method of Section 7.1.3.2 for estimating the wing-alone
derivative at subsonic speeds is also applicable to wing-body configurations. Available test data
are limited to wing-body configurations wita body diameters less than about 30 percent of the
wing span. Con'lequenny, the application of the wing-alone method to estimate the wing-body
contribution to Ci, is limited to values of d/b 0;;; 0.3.

DATCOM METHOD

The va:dation of the wing-body yawing derivative Cl, is obtained by using the method of Section
7.1.3.2. The method consists of determining the value of Cl, at zero lift and extending this value
to high lift coefficients by using a semiempirical correction factor and test data for Clp' The
method also includes the effect of geometric dihedral, wing twist, and flap deflection. The
method is limited to configurations with body diameters less than about 30 percent of the wing
span; i.e., d(b .;; 0.3.

The sample problem presented at the conclusion of paragraph A of Section 7.1.3.2 illustrates the
use of this method.

B. TRANSONIC

No ~eneralized method is available in the literature for estimating transonic values of the
wing-body contribution to the yawing derivative Clr • Furthermore, there is a scarcity of
experimental data for this derivative at ticl.nsonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the
wing·body contribution to the yawing derivative Clr , Furthennore, there is a scarcity of
experimental da.ta for this derivative at supersonic speeds.
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7.3.3.3 WING·BODY YAWING DERIVATIVE Cnr

This section presents a method for estimating the wing-body contribution to the yawing
derivative Cnr at subsonic speeds. However, at transonic and supersonic speeds no generalized
methods are available for estimating the 'N;~ .·body contribution to the yawing derivative Cnr'
This derivative is the change in yawing-mol' ,.t coefficient with change in the yawing-velocity
parameter and is commonly referred to as the yaw damping.

A. SUBSONIC

In general, the wing-fuselage contribution to damping in yaw is small in comparison to the
vertical-tail contribution. The contribution from the fuselage depends upc- the rellitive size of
the fuselage in comparison to the wing. For configurations in which the :Jselage is large relative
to the wing, the fuselage contribution is important. Fuselages having flat sides or having a
flattened cross section with the major axis vertical can also make a significant contribution
(reference I). Experimental data have also shown that a flattened cross-section fuseiage with the
major axis horizontal can have negative damping in yaw at moderate and high angles of attack.

No generalized method exists in the literature for predicting the fuselage contribution to yaw
damping, Therefore, for the purposes of the Datcom, fuselage effects are considered to be
negligible. Consequently, the Datcom method of Section 7.1.3.3 for estimating the wing-alone
derivative at subsonic speeds is also applicable to wing-body configurations.

DATCOM METHOD

The cstima ted value of the wing-body yawing derivative Cn r is obtained by using the method of
Section 7.1.3.3. In using this method experimental values of wing profile drag coefficient,
evaluated at the appropriate Mach number, are used in conjunction with the lift coefficient.
These coefficients are used to evaluate the two major contributions to en r; namely, that
resulting from the drag due to lift and that resulting from the profile drag. The method does not
account for the effects of wing flaps, wing twist, or wing dihedral.

The sample problem presented at the conclusion of paragraph A of Section 7.1.3.3 iIlust.rates the
us~ of this method.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the
wing-body contribution to the yawing deIivative Cnro Furthermore, there is a scarcity of
experimental data for this derivative at transonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the
wing-body contribution to the yawing derivative Cnr . Furthermore, there is a scarcity of
experimental data for this derivative at supersonic speeds.
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7:3.4 WING-BODY ACCELERATION DERIVATIVES

7.3.4.1 WING-BODY ACCELERATION DERIVATIVE CLa

The information contained in this section is for estimating the acceleration derivative eLa of
wing-body confagurations at low angles of attack. In general, it consists of a synthesis of material
presented in other sections; however, the method of application is new,

Datcom methods are based on the relatively simple results derived from slender-body theory in a
manner similar to that used to predict the wing-body pi~ching derivatives, It is assumed that the
mutual interferences that occur between components for angle-of-attack variations, determined in
references I and 2 and presented in Section 4.3.1.2, may be applied with re~sonable accuracy to
the case of normal acceleration. This approach to the calculation of wing-body acceleration
derivatives has been applied with reasonable success by Walker and Wolowicz in reference 3.

A. SUBSONIC

Two methods are presented for determining the acceleration derivative CLa f If a wing-body
confagurat ion, differing only in their treatment of the mutual interference effects.

DATCOM METHODS

Method I

For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the acceleration derivative
CLa' based on the area and mean aerodynamic chord of the total panel, is given by

7.3.4. I-a

.' .

~; ...
." ".'
, .

where

(CLQ~ is the contribution of the exposed panel to the acceleration derivati~e eLa' obtained
from Section 7.1.4.1. (See Section 4.3.1.2 for the definition of exposed surfaces.)

(CLa~ is the contribution of the body to the acceleration derivative CLa' obtained from
Section 7.2.2.1.

The remaining terms are defined in paragraph A of Section 7.3.1.1.

Method 2

For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the acceleration derivative
CLa• based on the area and mean aerodynamic chord or the total panel, is given by

7.3.4.1-1
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7.3.4.I-b

where (CLa)w is the contribution of the total panel to the acceleration derivative CLa' obtained

from Section 7.1.4.1, and the remaining terms are defined in paragraph A of Section 7.3.1.1 and
method I above.

Sample Problem

Method I

Given: Same configuration as sample problems of paragraph A, Sections 7.3.1.1 and 7.3.1.2. Some
of the characteristics are repeated below.

The following ratios based on total pane:l dimensions:

Additional Characteristics:

~- ,"~

~,.", '.

i1.,., ,
~

r .'- •
10"'-.":... ' .

S
0.7113 0.845 = 0.0963 6.363

'.

~,

lIJ
, '

M = 0.60 {3 = 0.80
d

= 0.157
b

Compute:

Step I. Acceleration derivative CL • for exposed panel (Section 7.1.4.1)
a

CL(g) = -1.718 per rad

_{32 C
L
(~)

= 0.140 per rad (figure 7.1.4.1-6)
trA/2

i
I

I
,'J

I
I

i

(sample problem, paragraph A, Section 7.3.1.1)

~AIl = 4.0

(::'), "0560

7.3.4.1-2
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= 3.780 - 5.154

Step 2. Wing-body interference factors (Section 4.3.1.2)

} (sample problem, paragraph A, Section 7.3.1.1)

= (1.5) (0.560) (4.50) + 3(-1.718)

KB(W) :: 0.215

KW(B) = 1.125

~

.
"

I

"

."
"',,

Step 3. Acceleration derivative CL • for body (Section 7.2.2.1)
0:

.~

'4
,<

:

I ".
v :;:: 2615.1 cu ftB

Sb :;:: 39.88 sq ft

(c ) := 1.894 per rad (based on Sb)
La B

(sample problem,
paragraph A,
Section 7.3.1.1)

I

'.
'4

(s~:.)
2615.1

0.849= :=

(39.88) (77.20)

(CLa)B == 2(CLJB (s~:.) (equation 7.2.2.1-a)

::: 2( 1.894) (0.849)

== 3.216 per rad (based on Sb ~B )

Solution:

(equation 7.3.4. I-a)

= (1.125 + 0.215) (0.7113) (0.845) (-1.374) + (3.216) (0.0963) (6.363)

7.3.4.1-3
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= --1.1 07 + 1.971

0.864 per rad (based on the area and mean aerodynamic cnord of the total
panel)

B. TRANSONIC

The aerodynamic interference effects for slender wing-body configurations are relatively
insensitive to Mach number; consequently, the slender-body interference factors of Section
4.3.1.2 should give reasonable results. For nonslender configurations transonic interference
effects can become quite large and sensitive to minor changes in local contour.

DATCOM METHODS

It is recommended that the methods presented in paragraph A for estimating the acceleration
derivative CLa of a wing-body configuration be applied to the transonic speed range. Care should
be taken to estimate the contributions of the lifting panel and body at the appropriate Mach
number. The interference factors ~hould be obtained from paragraph C, Section 4.3.!. 2.

C. SUPERSONIC

The information included in the Datcom accounts for most of the mutual interferences that
occur between components of a wing· body configuration at supersonic speeds. These interference
effects are accounted for by the slender-body interference factors of Section 4.3.1.2.

DATCOM METHODS

The methods presented in paragraph A for estimating the acceleration derivative CL & of a
wing-body configuration are also applicable to the supersonic speed range. Care should be taken
to estimate the contributions to the lifting panel and body at the appropriate Mach number.

Method I

Sample Problem

Given: Same configuration as sample problems of paragraph C, Sections 7.3.1.1 and 7.3.1.2, and
paragraph A of this section.

l'" ....

"'.~ ...~
.... ' .. ',.' .:...;~ .
~"\"> .-. . - ..
".: .. ",

to.. '.

,.'~r- .-,
·. M = 1.4 {J = 0.98

d

b
= 0.157

.1

"'L";"" ' ·;.. __':..,·d..;. ·._.:..·~.;...__.._._ ...:.... ......A_...:- ,;....;..,..->.~...;..._~ _.:-_..;...._ ..:.-._..a... !..... ,:.:-.. . ..s....:..·.L:: .,:. ..a. ,'-.A.~Il..:..L~ ,~ ~_L :__ 1._ ._ .. ,_~ '._-' _,' _,.

,'.r- ..-.' .

~ . '.'

, .....~

I' '•,... ,....-_..

Compute:

Step 1. Acceleration derivative eN . for exposed panel (Section 7.1.4.1)
a:

7.3.4.1-4
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(sample problem, paragraph C,
Section 7.3 .l.l)

39.23°

} (sample problem. paragraph C. Section 7.3.1.1)

:: -4.25 per rad (based on 5ece )

KW(B) = 1.125

KB(W) = 0.181

( 1.4)2 [I]= -- (0) - -- (4.08)
0.98 (0.98)2

f3 [(CNa)l]e = 0 (figure 7.1.4.1-lla)

[(CN a)l]e = 0

f3[(CNa\]e = 4.00 (figure7.1.4.l-11c)

r(I'C )] = 4.08 per rad
~ Na 2 e

{J cot ALE = 1.225 (supersonic leading edge)

Step 2. Wina-body interference factors (Section 4.3.1.2)

...

...

,,.,,.
,,'·.
•·
~ ~.

r

Step 3. Acceleration derivative CN • for body (Section 7.2.2.1)
ex

7.3.4.1-5

2.74 per rad (sample problem, paragraph C, Section 7.3.1.1)

::: 0.849 (sample problem, paragraph A)

.;

'.

,- .
I

I

j

I
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= 2(2.74) (0.849)

= 4.653 per rad (based on Sb~B)

Solution:

(equation 7.3.4.1-a)

;:;; (1.125 + 0.181) (0.7113) (0.845) (-4.25) + (4.653) (0.0963) (6.363)

= -3.336 + 2.851

= --0.485 per cad (based on the area and mean aerodynamic chord of the total
panel)
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7.3.4.2 WING-HODY ACCELERATION DERIVATIVE Crna

The information contained in this s~ction is for estimating the acceleration d~rivative CMa of
wing-body configurations at low angles of attack .

The Oatcom methods are bused on the same assumption that was made in regard tv the
acceleration derivative CLa of a wing-body configuration, and the general discussion of S~~ction

7.3.4.1 is directly applicable here.

A. SUBSONIC

Two methods are presented for detennining the acceleratil:Jfl derivative Cmci: of a wing-body
cont1guration, ditTering only in their treatment of the mutual mterferefice effects.

DATCOM METHODS

Method I

For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the acceleration derivative
Croa' based on the area and the square of the mean aerodynamic chord of the total pan/}1 and
referred to a moment center at the assumed center of gravity, is given by

where

is the contribution of the exposed panel to the acceleration derivative Cma ,
obtained from Section 7.1.4.2. (See SecHon 4.3.1.2 for the definition of exposed
surfaces.)

is the contribution of the body to the acceleration derivative em a' obtained from
Section 7.2.2.2.

The remaining terms are defined in paragraph A of Section 7.3.1.1. Moment transfer calculations
are included as an integral part of the wing- and body-iierivative estimation methods of Sections
7. 1.4.2 and 7.2.2.2, respectively.

Method 2

For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the acceleration derivative
Cma, based on the area and the square of the mean aerodynamic chord of the total panel and
referred to a moment center at the assumed ctnter of gravity, is given by

7.3.4.2-b

7.3.4.2.1. . . j
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where (em alw is the contribution of the total panel to thl' ilccelera rIOn derivath'c ('mQ' and thl~

remaining terms ale defined in p.·uagraph A of Section 7.3.1.1 anJ metll,llI I all,we. MomclIl
transfer calculations are indudcd as an integral part of the wing- and body-derivative estimation,""
methods of Sections 7.1.4.2 and 7.2.2.2, respectively. .

Semple Problem

Method I

,-

Given: Same configuration as sample problems of paragraph At St:ctions 7,3.1.1 t 7.3.1.2, and
7.3.4.1. Some of the characteristics are repeated below.

" The following ratios based on total panel dimemlons:

Se
0.7113 (:,)' 0.7140== ==S

S (~!)'b
0.0963 40.49- == w.

S

Additional Characteristics:

~I\ "" 77 .20 ftM .• 0.60
d

== 0.157
b

C
f e

Ce
= 1.50

"1
I
j

I
I
I

"" ' - ' I __"" ,;,. ..___-'- -.-...-..- • ~._ .,,-_ '__ ..:. __ 0. _ .. • .,. ..

Acceleration derivative C . for exposed panel (Section 7.1.4.2)mQ
Step I ..

I
I

1

I
I

I
I

1
1

I
~
1
I
I

I
I
j

(sample problem, pararJ'aph A, Section 7.3. t.l)

Xm == 43.70 ft (moment Cf.nter at cf4 of total panel)f3 ; 0.80

Computl':

7.3.4.2-2
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.71
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C~,), =(::'), eJ -(0408) (iSO) = 0.612

"

~ ..,,',..
f' .'

'IrAj2

-1.374 pCi' rad (sample problem. paragraph A. Section 7.3.4.1)

= 0.0767 per fad (figure 7.1.4.2-8)

Cm (g) = 0.941 rer rad
o

:::: 27 (xa
.
c)2 (CL) of 3C (g) (equation 7.1.4.2-b)

16 cr a e m0
e

= - ~~ (0.560)2 (4.50) + 3(0.941)

:::: -2.381 + 2.823

- 0.442 per rad

(
X )- Ic It) +~ Ie )

\ ma ., C e \ La "

:::' 0.442 + (0.612) (-1.374)

(equation 7.1.4.2-a)

Step 2. Wing-bo,jy interference factors (Section 4.3.1.2)

KB(W) :::: 0.215
} (sample problem. paragraph A. Section 7.3.1.1)

f ,
,...
~ ,,
,
"f

~;...~~~",-:..:_-~"- '\.

7.3.4.2-3
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.•j
..,

,.

(equation 7.2.2.2-a)

(sample problem, paragraph A, Section 7.3.1.2)

= 0.849

Acceleration derivative em' for body (Section 7.2.2.2)
a

Xc = 44.48 n

(c ) :.: 0.794 per rad
m a B

(

Xrn ) __
I - ~; 0.434

Step 3.~..
"
~.~

~.
~ .. ~·.
~
'~~'
-......

.~

"
[~ . :~'
· .
i.· .",

-r.:.· .

,· ..
I ....

= ) .59 [ (0.849) (0.010n ]
-0.415

= -0.0328 per rad (based on Sb£e 2)

.1

.1
1
I
I
I

I

-0.272 - 0.128

= (1.125 + 0.21.5) (0.7113) (0.7140) (-0.399) + (-0.0328) (0.0963) (40.49)

(equation 7.3.4.2-a)

Ie )\ rna WB

Solution:

7.3.4.2-4
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:: -0.400 per rad (based on the area and the square of the mean aerodynamic
chord of the total panel and referred to a moment center at c/4
of the total panel)

B. TRANSONIC

The comments of paragraph B of Section 7.3.4.1 are directly applicable here.

OATCOM METHODS

- 1
. ~

, '

~, ,r,
~ ..r. '
t" :

r.
~ "...

~
l~

10' '.
, .
I .
I.-, .

It is recommended that the methods presented in paragraph A for estimating the acceleration
derivative Cmec of a wing-body configuration be applied to the transonic speed regime. Care
should be taken to estimate the contributions of the lifting panel and body at the appropriate
Mach number. The interference factors should be obtained from paragraph C, section 4.3.1.2..

C. SUPERSONIC

The comments of paragraph C of Section 7.3.4.1 are directly applicable here.

OATCOM METHODS

The methods presented in paragraph A for estimating the acceleration derivative Cmec of a
wing-body configuration are also applicable to the supersonic ~peed range. Care should be taken
to estimate the contributions of the lifting panel and body at the appropriate Mach number.

Sample Problem

Method 1

Given: Same configuration as sample problems of paragraph C, S~ctions 7.3.1.1, 7.31.2, and
7.3.4.1, .md paragraph A of this section

~. 0rot
~ "'
~..

'.
'.'

'.

M = 1.4

Compute:

~ = 0.98
d = 0.157
b

"

Step 1. Acceleration derivative Cnl • for exposed panel (Section 7.1.4.2)
a

{3 cot ALE = 1.225 (supersonic leading edge)

(sample problem, paragraph C,
Section 7.3.1.1)

,
i:
I....:~ __ ......_... _'..~. _...~:,c _c. _' _ •

i

t~
I"
I

PAe = 4.90

7.3.4.2-5
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(~.-). - 0.612 (..mple problem, paragraph A)

(eN. ) = -4.25 per rad (sample problem, paragraph C, Section 7.3.4.1)
Que

C4 \2 C4' + 1) (-4.612)= _._) (9.235) + _.-
0.98 0.982

= 18.85 - 14.03

= 4.82 per rad

(Cma)e ::: (Cm ,,·). + (";.). (CL ,,). (equation 7.1.4.2-a)

::: 4.82 + (0.612) (-4.25) (CN Oc is assumed to be equal to CL,J

= 2.219 per rad (based on Se Ce2)

Step 2. Wing-body interference factors (Section 4.3.1.2)

~'J
!
I

I
I

i

.)

7.3.4.2-6

KW(ll) = 1.125

KB(W) = 0.181
} (..mple problem, paragr,ph C, Section 7.3.!.l)



·. ",
" ......... Step 3. Acceleration derivative Cm • for body (Section 7.2.2.2)

a:

= 0.849

".. ~ ..

(I - ~) = 0.434

Xc = 44.48 ft

(sample problem, paragraph A, Section 7.3.1.2)

(c ) = 1.017 per rad (sample problem, paragraph C, Section 7.3.:'2)
ma: B

(equation 7.2.2.2-a)

",

'.-

[(
0.849 (44.48 - 43,70)]

) 77.20
= 2(1.017) 0.434 _ 0.849

= 2 034 [(0.849) (0.0101)]
. -0.415

= -0.0420 per rad (based on ~2B 2)

Solution:

(CmQ)W. = IKwfB) + K.,.ll G')(i)' (CmQ)' + (Cm.). (:.)( :.)'

:" (equation 7.3.4.2~a)....
= (1.125 + 0.181) (0.7113) (0.7140) (2.219) + (-0.0420) (0.0963) (40.49)

= 1.472 - 0.164

= 1.308 per rad (based on the area and the square of the mean aerodynamic
chord of the total panel and referred to a moment center at c/4
of the total panel)

7.3.4.2-'
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7.4 WING-BODY-TAIL DYNAMIC DERIVATIVES

7.4.1 WING-BODY·TAIL PITCHING DERIVATIVES

7.4.1.1 WING·BODY·TAIL PITCHING DERIVATIVE CLq

The information contained in this section is for estimating the nondimensional pitching derivative
CLq of wing-body-tail combinations at low angles of attacle-. This derivative represents the lift
due to pitching velocity at a constant angle of attack and is defined as

In general, the methods presented consist of a synthesis of material presented in other sections,
although some new information is presented.

The derivative is presented in a manner similar to that used in 'reference I to calculate the lift of
a wing-body-tail combination. The complete derivative is the sum of contributions of individual
components, treated as isolated surfaces or bodies, and mutual interference effects. The mutual
interference effects are assumed to correspond to those due to angle-of-attack variations,
established in references I and 2 and presented in Section 4.3.1.2.

The horizontal-tail contribution to the derivative CL q is based on the assumption that
instantaneous forces on the tail correspond to the instantaneous angle of attack. This assumption
is also the basis used in estimating the horizontal-tail contribution to the derivative Cmq in
Section 7.4.1.2. The effect of this assumption is presented in numerous aerodynamic texts, for
example, reference 3. The effects of CLq are generally small and frequently neglected in dynamic
analyses.

A. SUBSONIC

Two methods are presented for determining the pitching derivative CLq of wing-body-tail
combinations, differing only in their treatment of the effect of the flow field of the forward
surface on the aft surface.

DATCOM METHODS

Method L (b'/b" > 1.5)

For configurations in which the span of .the forward surface is large compared to that of the aft
surface, the following approach can be used. This method is to be used when the ratio of the
forward-panel span to the aft-panel span is 1.5 or greater. The equation of the nondimensional
pitching derivative CLq of a wing-body-tail configuration, based on the area and mean

7.4.1.1-1
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aerodynamic chord of the total forward panel and referred to a moment center at the assumed
center of gravity or center of rotation, is given by

where the primed quantities refer to the forward panel, the double-primed quantities refer to the
aft panel, and the suhscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition
of exposed surfaces.)

.'
'1

7.4.1.1-a

is the appropriate wing-body interference factor obtained from
Section 4.3.1.2 for the aft panel.

is the contribution of the wing-body configuration to the pitching
derivative CL q ' obtained from Section 7.3.1.1.

~.. , '.

".·
.' .

is the lift-curve slope of the exposed aft panel, obtained from Section
4.1.3,2.
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"x - xe.g.

is the ratio of the e:xposed aft panel planfonn area to the total
pianform area of the forward panel.

is the distance parallel to the longitudinal axis between the moment
reference center (usually the vehicle center of gravity) and the
quarter-chord point of the mean aerodynamic chord of the total aft
horizontal panel.

This parameter is approximated in Section 4.5.2,1 as x - x" =2" +xe De.g. ....
(equation 4.5.2.1-e) where x and 2" are defined in figures 4.5.2.1-7ae.g.
and -7b,

....
r'
.~

For configurations in which the span of the forward surface is approximately equal to or less
than that of the aft surface, the vortex shed from the forward surface interacts directly with the
aft surface and the resulting interference effects must be accounted for in the tail terms. This
method is to be used when the ratio of the forward-panel span to the aft-panel span is less than
1.5. The equation for the nondimensional pitching derivative CL q of a wing-body-tail configura
tion, based on the area and mean aerodynamic chord of the total forward panel and referred to
a moment center at the assumed center of gravity or center or'rotation, is given by

Method 2. (b'/b" < 1.5)

7.4.1.1-2

·1
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is the average dynamic- pressure ratio acting on the aft surface,
obtained from Section 4.4.1.
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L

= Ic ) + 2x
c.g.- x" {lK + K ],,(Se")(~)(C )" + IC) }

q \ Lq WB • c' WeB) B(W) S· qoo La e \ La W"(v)

7.4.1. l-b

The parameters in the fll'st two terms on the right-hand side are the same as those in equation
7.4.1. I-a. The last term represents the effect of the forward-panel vortices on the aft panel and is
given by

.....I··.....~ ;

where

(s ') ( ") (b" d")C . e C "q K 'I -
( La)e s:- (La)e q: WeB) vW'(W") ""2 - 2

(
b' )" v d'

211'A - - -
e 2 2

7.4.1.1-c

d' and d" are the body diameters at the midchord points of the MAC of the forward and

aft surfaces, respectively.

b"

(~. - ~)

Iyw~")

Ac"

(CLcr)e'

· {CLa)e"' ..-..
·

is the span of the total aft panel.

is obtained from figure 4.4.1 -71 as a function of forward-panel geometry.

is the wrtex interference factor, obtained from Section 4.4.1.

is the aspect rattO of the exposed aft panel.

is the Iift-eurve slope of the exposed forward panel, obtained from Section
4.1.3.2 (per radian).

is the Iift-eurve slope of the exposed aft panel, obtained from Section 4.1.3.2
(per radian).

.... ~

The remaining terms are defined in method I above.

The quantities (CLa)e' and (CLa)e" in the last term of equation 7.4.1.I-b must be expressed in

radians. If the result of this term is desired per degree, the conversion must be applied after the
tem is evaluated.

Because of the similarity of the two methods a sample problem of method 2 is not included .
However, evaluation of the term (eLa)w" (v) for a wing-body-tail configuration is presented in
Section 4.5.1.1.

7.4.1.1-3
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Sample Problem

Method I

.' .'

Given: An ogive-cylinder-body--triangular-wing and triangular-tail configuration. The wir.g-body
configuration is the same as that of the sample problem of Sections 7.3.1 and 7.3.4. Many
of the characteristics are repeated below.
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Although a tail l,1as been added to the wing-body configuration of Sections 7.3.1 and 7.3.4, for
the sake of simplicity the vehicle center of gravity is taken at c'/4. Therefore, x - x" = Q",
the longitudinal distance from the quarter-chord point of the MAC of the forward Csgurface to the
quarter-ehord point of the MAC of the aft surface.
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Wing Characteristics:

Total Panel

A' = 5.0 ).' = 0

A' = 38.67° f' = 0LE

i' = 0 cr
. = 18.20 ft

. ~...

' ..

b' = 45.50 ft

. S' = 414.0 sq ft

c' = 12.133 ft

Exposed Panel

A' = 5.0 ).' = 0e e

b' = 38.37 ft S' = 294.50 sq fte e

cr

, = 15.375 ft
e

c
e

' = 10.25 ft

"., .
".

NACA 66-206 airfoil section

Horizontal-Tail Characteristics:

Total Panel

A" = 4.0 )." = 0

A" = 45° f" = 0LE

i" = 0 cr
" = 9.958 ft

b" = 19.915 ft c" = 6.638 ft

SIr = 99.16 sq ft

NACA 66-206 airfoil section

Body Characteristics:

Exposed Panel

. A" = 4.0 )." = 0e e

b " = 12.788 ft S " = 40.90 sq fte e

A~i2 26.56° cr
" = 6.394 ft=

e

- " c 4.263 ftce

RN = 25.0 ft RB == 77.20 ft d = 7.127 ft

The following ratios based on total forward-panel dimensions:

R"','..... ' = 2.26C'

S "e

S'
= 0.0988"

7.4.1.1-5
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== 2

(equation 7.3.1.1-a)

R~ "" 5.16 X 107 (based on c')

Sea level

Smooth surfaces

M = 0.60

i3 = 0.80

4.0 (0.64 + 0.25]1/2 = 3.83
0.985

b U

:= 2.794
d"

(figure 4.1.3.2-49)

= 0.985

= 1.00AU
e

c~ = 6.19perrad (table4.1.1-B)
Q:

(c ) ..
La e

(
CL ) = 4.467 per Tad (sample problem, paragraph A, Section 7.3.1.1)

q WB

x = 18.32 ft*

£" := 27.425 ft

hH == 7.18 ft

AU
--.!... r132 + tan2 AU ]1/2 ""
K ~ <;12

" =

Step 2. Lift-eurve slope for the exposed horizontal tail panel (Section 4.1.3.2)

Step 1. Wing-body CL (Section 7.3.1.1)
q

Additional Characteristics:

Compute:

~.~~
~ .._~

~ .''."" .':"'..
:.
\.' .
I .• ' ••

, .

"x is the lonsltudlnal distance measued (Kom the wing root trailing edse aft. For this problem it is taken equal to 22 defined in
section 4.4.1.

I

j
I

7.4.1.1-6
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Step 3. Tail-body interference factors {Section 4.3.1.2)

d" 7.127
b" = 19.915 = 0.358

Kw(l)" = 1.315 }
(fllW'e 4.3.1.2-10)

Katw) II • 0.550

Step 4. Dynamic pressure ratio (Section 4.4.1)

Obtain value at a,' • 4°

C
L

' • 0,391 (ample problem, panaraph A. Section 7.4.4.1)

f •

1.62 CL

wA'
(equation 4.4.1-k)

: .
:~ .

• 1.625~·39l) 57.3

• 2.3°

tan-I ha. -I (7.18). 2140 ( ·t.-ch(d):: . 441).., • x tan 18.32 . lee _t • ..;~on .•

.., + f - a,' • 21.4 ~ 2.3 - 4 • 19.70

z • x tan (.., + f - a,') (equation 4.4.1-2)

• 18.32 (0.3581) • 6.56

C, • 0.00236 (fllUR 4.1.5.1-26)

cos A(t/c) • cos A.4Sc " cos 23.76° = 0.915
mu

Ru. = 1.14 (f1l\ll'e 4.1.S.l-28b)

1.4.1.1-7



•
C =: (0.00236) (1.072) 0.14) (2) = 0.00577

DO

.~

(~q),
2.42 (CDOY/2

= (equation 4.4.1-m)
x
-:: + 0.30
c

.,..
!IJ 2.42 (0.00577)1/2

,

= = 0.102
1.51 + 0.30

Zw'.

0.68 VCD 0 (; + 0.15 ) <1
\I = (equation 4.4.1-j) ,

C

= 0.68 JO.00577 (1.51 + 0.15) ::; 0.0666

z z/e
- --=

z Iew

6.56/12.133
0.0666

== 8.12

," .'

...
I .... ~ ..

~q
-=
q

(equation 4.4.1-n)

'," ..

'.
••

Solution:

= (0.102) C082 [c.; 4
) (8.12) (57.3)]

= (0.102) (0.9834)2

= 0,099

q" ~q
(equation 4.4.1-0)- = 1--

Q.... q

= 1 - 0.099 ;:;: 0.901

. . 7.4.1.1-8.'
.........~ l·olIia·r ··_· d • ••..• · , ' OOIII' · ··..-9_H • 1
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= 4.467 + 2(1.315 + 0.550) (0.0988) (2.26) (0.901) (4.00)

- 4.467 + 3.002

= 7.47 per rad (based on the area and mean aerodynamic chord of the total panel and
referred to a moment center at c'/4)

B. TRANSONIC

No accurate methods are available for estimating the characteristics of isolated pan~ls or the
dynamic-pressure ratio in the transonic speed regime. The aerodynamic interference uK" factors
for slender configurations are relatively insensitive to Mach number; however, for nonslender
configurations transonic interference effects can become quite large and sensitive to minor
changes in local contour.

DATCOM METHODS

It is recommended that the methods presented in paragraph A above be applied directly to the
transonic speed regime. Care should be taken to estimate the various parameters of equations
7.4.1.I-a and -b at the appropriate Mach number. The" interference UK" factors should be
obtained from paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The information included in the Datcom accounts for most of the mutual interferences that
occur between components of wing-body-tail configurations at supersonic speeds.

DATCOM METHODS

The methods presented in paragraph A above are also applicable to the supersonic speed range.
Care should be taken to estimate the va:ious parameters of equations 7.4. 1. I-a and -b at the
appropriate Mach number. Method 3 of paragraph C of Section 4.4.1 should be used to evaluate
the last term of equation 7.4.1.1-0.

Sample Problem

Method I

Given: Same configuration as sample problem of paragraph A. Some of the" characteristics are
repeated below.

The following ratios based on total (orward-panel dimensions:

". .
So

... .. 2".. = 2.26 = 0.0988c' S'

7.4.1.1-9
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Additional Characteristics:

M :: lAO Sea level

·1

A" = 45°LE{3 :: 0.98

A' ;:; 5.0 K = 16
3 (page 4.1.5.1-16)

R£ = 1.2 x 108 (based on c')

Smooth surfaces

Step 1. Wing-body CL (Section 7.3 .1.1)
q

Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2)

i,
1

d' 1..
" 1

j
i
I

= 4.0

0.98

tan A'~E (CN a\" :: 4.025 (figure 4.1.3.2-56a)

leN )" :: 4.025 per rad
\ . a e

(
C

L
) :: 3.977 per rad (sample problem, paragraph C, Section 7.3.1.1)

q WB

(CL.)WB = IKW(B) + KBr,n]' ( :~)(:)CL.): + (CL.)B (:~)(:~)
(equation 7.3.1.1-a)

cg at c'/4

Compute:

~ ..

" .I·

tre
~
I

I

i'
I·

I

I:
i

I.
i· St~p 3. Tail-body interference factors (Section 4.3.1.2)

~.
r .

..

dO.
b" :: 0.358 (sample problem, paragraph A)

~. :':
~. .
.. . ~(W(B)" :: 1.315 (figure 4.3.1.2-10)

{3d" 0.98 (7.127)
:: -- .

6.394
:: 1.092

j.,

'----_ ... ------' :- ._.-'-
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(3 cot ALE == 0.98

0.98(4.025) (1) (1.794) = 7.076

Viscous now field

(equation 4.1.5.1-i)

2.85
7.076 = 0.4028

16 2
= 3(0.98) (0.06) (I)

= 0.0196

= (0.0018) (2) = 0.0036.

Obtain at a' = 4°

OlO' = -1.60 (table 4.1. I-B)

Cf = 0.0018 (figure 4.1.5.1-26)

eN ' = 0.0712 per deg (sample problem, paragraph C, Section 7.3.1.1)
0:

CN ' = eN ' (Ol' - 0:
0
') == 0.0712[4 - (-1.6») = 0.399

0:

(3 cot ALE ;: (0.98) (1.25) = 1.225 (supersonic leading edge)
bw

CD = ~ (.!.\2 (Sb~) (equation 4.1.5.l-k)
w p clerr Srd

Step 4. Dynamic pressure ratio (Section 4.4.1)

: .
'..:
"r.
~·,·,·,.·:
I
~.

r
i'

(equation 4.1.5.1-h)

- 0.0036 + 0.0196 = 0.0232
"

7.4.1.1-11
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2.42 (CDot 2(aq
\ (equation 4.4.1-m)

~
=

q /0 x
-=-- + 0.30.. c

2.42(0.0232)1/2
0.204;;

!II 1.51 + 0.30

ZW

0.68VCDO (~+0.15) (equation 4.4.1-j)=
C

= 0.68 )(0.0232) (1.51 + 0.15)

.. 0.1334

',' .
"1t.. € =

1.62 CN

nA'
(equation 4.4.I-k)

"

'.

= (1.62) (0.399) (57.3)
5rr

= 2.36°

l' = 21.4° (sample problem, paragraph A)

1 + € - ex' = 21.4 + 2.36 - 4 = 19.760

z = x tan (1 + € - ex') (equation 4.4.1-£)

= 18.32(0.3592) = 6.581

, '. '-.
...... =

6.581/12.133

0.1334
= 4.07

•

•

• 7.4.1.1-12

Aq = (6q
) cos2 (~~) (equation 4.4.1-n)

q \ q 0 2 Zw

= (0.204) cos' [C·;4)(4.07) (57.3)]

= (0.204) (0.9943)2 = 0.20
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= 1.0 - 0.20 := 0.80

r;" •.~..'-,'" ~.• .,. .: - •.•• ~." -

" '

- ," "

~.'. "· .'· '

"

-... "~.'."
, .

q = 1 _ Aq

~ q

.- .,'~ ~ -. .'

(equation 4.4.l~)

., ..,- 
i.· -,
~: ' ' , "

f',-,

~
~
~' ,
I, '
I. '

~
~- .
r,', '
~. .-
f., '·'
"

~. . .,
~.'" ....
"•,· '

"r~ ....' -,....

.
'.

Solution:

CL = (C ') + 2[1{ + K ]" (Se") (Xc,., - X")(q",\ Ic )"
q L q WB &"(8) B(W) S' c' ft.} \ Ne: e

(equation 7.4. 1. I-a)

= 3.977 + 2(1.315 + 0.4028) (0.0988) (2.26) (0.80) (4.025)

= 3.977 + 2.47

= 6.447 per rad (based on the area and mean aerodynamic chord of the total panel
and referred to a moment center at c'!4)

l~ c'

~:. '

f' ,!-
l' ,
t ...
~'. ..
'.' .
" ..,, .",
I."

F,.· '

......· "

· .'

~......
r
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7.4.1.2 WING-BODY·TAIL PITCHING DERIVATIVE Cmq

The information contained in this section is for estimating the nondimensional pitching derivative
Cm q of wing-body-tail combinations at low angles of attack. The derivative Cmq is the change in
pitchinl-moment coefficient with varying pitch velocity and is commonly referred to as the
pitch-damping derivative. It is expressed as

This derivative is very important in longitudinal dynamics,since it represents a major portion of
the damping of the short-period mode for conventional aircraft.

The Datcom methods are based on the same assumptions that were made for the total pitching
derivative CLq of wing-body-tail combinations, and the general discussion of Section 7.4.1.1 is
directly applicable here.

A. SUBSONIC

Two methods are presented for determining the pitching derivative Cmq of wing-body-tail
combinations, differing only in their treatment of the effect of the flow field of the forward
surface on the aft surface.

DATCOM METHODS

Method 1. (b'/btl ;> 1.5)

For conflgUI'lltions in which the spaJ1 of the forward surface is large compared to that of the aft
surface, the following approach can be used. This method is to be used when the ratio of the
forward-panel span to the aft-panel span is 1.5 or greater. The equation for the nondimensional
pitching derivative Cmq of a wing-body-tail configuration, based on the area and the square of
the mean aerodynamic chord of t~e total forward panel and referred to a moment center at the
assumed center of gravity or center of rotation, is given by

' .....

7.4.1.2-a

......
- ...... where the primed quantities refer to the forward panel, the double-primed quantities refer to the

aft panel, and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition
of exposed surfaces.)

7.4.1.2-1
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is the contribution of the wing-body configuration to the pitching derivative
Cm q , obtained from Section 7.3.1.2.

The remaining terms are defined in paragraph A of Section 7.4.1.1.

Method 2. (b'/b" < 1.5)

For configurations in which the span of the forward surface is approximately equal to or less
than that of the aft surface, the vortex shed from the forward surface interacts directly with the
aft surface, and the resulting interference effects must be accounted for in the tail terms. This
method is to be uSed when the ratio of the forward-panel span to the aft-panel span is less than
1.5. The equation for the nondimensional pitching derivative Cm q of a wing-body-tail cnnfigura
tion, basel1 on the area and the square of the mean aerodynamic chord of the total forward
panel and referred to a moment center at the assumed center of gravity or center of rotation, is
given l-Iy

All the above terms are defined in paragraph A of Section 7.4.1.1 and method 1 above.

Because of the similarity of the two methods, a sample problem for method 2 is not included.
However, evaluation of the term (CLa)w"(V) for a wing-body-tail confignration is presented in

Section 4.5.1.1.

Sample Problem

Method 1

Given: Same configuration as sample problem of paragraph A, Section 7.4.1.1. Some of the
characteristics are repeated below.

, .~

,
"

.;
i

The followin/>t ratios based on total forward panel dimensions:

-. '-"

..... ~ -",'

>:~~v:I.
r:'.'"
~. . ..,

, .· "

... _~-
·

7.4.1.2-2

£" S ..
e

0.0988= 2.26 =C' S'

Additional Characteristics:

M 0.60 {3 = 0.80 C<
,

= 4°= cg at c'/4

"

,

~: .:
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Step 3. Tail-body interference factors (Section 4.3.1.2)

Step 2. Lift-curve slope for the exposed horizontal tail (Section 4.1.3.2)

1.315 }

(sample problem, paragraph A, Section 7.4.1.1)
= 0.550

Wing-body C (Section 7.3.1.2)rn q

(C) = -4.021 per rad (sample problem, paragraph A, Section 7.3.1.2)
rn q WB

(CLa)e" = 4.0 per rad (sample problem, paragraph A, Section 7.4.1.!)

Step 1.

Compute:

,.
"'.

~, .,-
I
~... ~. ;

i···
Step 4.

g"

Solution:

Dynamic pressure ratio (Section 4.4.1)

= 0.90) (sample problem, para~aph A, Section 7.4.,1.1)

·..
V
~.' .
~ .
\. ', .'

~'.

~,
~

~.

(eguatio-n 7.4.1.2-a)

= -4.02\ - 2(1.315 + 0.550) (0.0988) (2.26)2 (0.901) (4.0)

= -4.021 - 6.78

= -10.80 per rad (based on the area and the square of the mean aerodynamic
chord of the total forward panel and referred to a moment center
at c'/4)

.. ,

B. TRANSONIC

The comments of paragraph B of Section 7.4.1.1 are directly applicable here.

'.•" ,· '

I',
; .
r-
•
•
~

k') .........,..;....1.' ... -'J','., -._.~......:-~~~.........._ .........~_.:.......,_..:..... .•
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DATCOM METHODS

It is recommended that the methods presented in paragraph A above be applied to the transonic
speed regime. Care should be taken to estimate the parameters of equations 7.4.1.2-a and -b at
the appropriate Mach number. The hlterference uK" factors should be obtained from
paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The comments of paragraph C of Section 7.4.1.1 are directly applicable here.

DATCOM METHODS

The methods presented in paragraph A above are also applicable to the supersonic speed range.
Care should be taken to estimate the param'lters of equations 7.4.1.2-a and ·b at the appropriate
Mach number. Method 3 of paragraph C of S~ction 4.4.1 should be used to evaluate the last tenn
of equation 7.4.1.2-b.

Sample Problem

Method 1

Given: Same configuration as sample problem of paragraph C Section 7.4.I.P;:.·~'-'~ paragraph A
of this section. Some of the characteristics are repeated below.

The following ratios based on total forward panel dimensions:

.\ ~

.~

"
i
!

".

S "
e

S'
::: 0.0988

£"
= 2.26

c'

Additional Characteristics:

.-

.. '

Compute:

M ::: 1.40 {3 ::: 0.98 cg at c'/4

Step 1. Wing-body C (Section 7.3.1.2)m q

•

•

(c) ::: -4.961 per rad (sample problem, paragraph C, Section 7.3.1.2)
m q WB

Step 2. Lift-curve slope for the exposed horizontal tail (Section 4.1.3.2)

(CN ,Je" :=: 4.025 per rad (sample problem, paragraph C, Section 7.4.U)

7.4.1.24
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Step 3. Tail-body interference factors (Section 4.3.1.2)

= -4.961 - 5.583

(equation 7.4.1.2-a)

} (sample problem, para&",pb C, Section 1.4. I.l )

= -10.54 per rad (based on the area and the square of the mean aerodynamic
chord of the total forward panel and referred to a moment center
at c'/4)

= -4.961 - 2(1.315 + 0.4028) (0.0988) (2.26)2 (0.80) (4.025)

q"
= 0.80 (sample problem, paragraph C~ Section 7.4.1.1)

Step 4. Dynamic pressure ratio (Section 4.4.1)

Solution:

r ••.
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. A. SUBSONIC

DATCOM METHOD

sed on Sw', where CD

7.4.1.3 WING-BODY-TAIL PITCHING DERIVATIVE CD
. q

This section presents a method for estimating the wing-body-tail derivative CDg at subsonic speeds.
This derivative is the change in the drag coefficient due to a change in pitching velocity at a
constant angle of attack and is defined as

In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is
usually neglected.

The wing-body-tail derivative is obtained by adding the horizontal-tail contribution to the
wing-alone contribution developed in Section 7.1.1.3. The body contribution is negligible and has
been neglected. The hor:zontal-tail contribution to CD q was computed from the tail-<iamping angle
of attack and also from wing-induced downwash at the tail due to pitch rate. The horizontal-tail lift
was taken to act normal to the local flow direction at the tail to produce a force component in the
dirf,ction of the free-stream flow.

The wing-borly-tail derivative CD is given by
q

where

7.4.1.3 -a

7.4.1.3 -b

is the horizontal-tail contribution due to zero-angle-of-attack loading given by

is the wing contribu tion from Section 7.1.1 .3-a

7.4.1.3-1

-,

~
"l'..
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I
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l
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I
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where

is the horizontal-tail lift-curve slope (based on SH) obtained from
test data or Section 4.1.3.2 (per degree).

is the incidence of the horizontal tail with respect to the fuselage
reference line in degrees,

is the horizontal-tail reference area.

is the wing reference area.

is the variation in downwash with respect to pitch rate, c
q

=

i"· .

, -,
I '
i', .'

~I;, •

"t· -.

'''''.'',
~. -.~,

l...... ~·'.".' ~

;" .'.
~
~ .:-:.
" ,
I" _,',', .
, . ~ .

";,.

~F

c

C

(at c/4 of the horizontal tail). Design charts are presented in Figures
7.4.1.3 -4a through -4x for Mach numbers of 0.2 and 0.8. These
charts are presented as a function of wing geometry and the spanwise
location of the horizontal-tail MAC relative to the wing span.

is the distance from the moment reference center to the center-of
pressure location of the horizontal stabilize., measured parallel to the
body center line. For Datcom purposes, the horizontal-tail center-of
pressure location is assumed to be at cH /4.

is the distance from the moment reference center to the center-of
pressure location of the vertical stabilizer, measured normal to the
body center line, positive for the stabilizer above the body.

is the fuselage angle of attack.

is the wing MAC.

is the downwash of the wing at c/4 of the horizontal tail, excluding
the contribution due to pitch rate. This may be obtained from test
data or from Section 4.4. I,

(1
I
i,

is the change in horizontal-tail contribution with angle of attack, obtained by

l,
l ", '
~_........_'...'• .-..:l."......._....""'......."• ._). ... ·l"· • I • .,;...................... !b'" :. ...... i'-' '-• .."_:.......:...........' _~""""""-':'....... :..... ..: ._ .... ~ •.._:.. .. : ... __'. __... ... ..... _ .. _:.
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I'" '
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f'e
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7.4,1.3 -2

where alI the terms are defined above.

7.4.1.3-c
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(Equation 7.4.1.3-b)

(Equation 7.4.1.3-c)

Sample Problem

== (0.08) _1 (0.37) f-O.02- 2[(60.0) (0.99985) + (8.0) (0.01745) ]
57.3 25.0

_ 2(-0.02) (1.6) + 4(1.6)[(60.0) (0.99985) + (8.0) (o.01745)1}
1.0 1.0 25.0

== 0.00549 per deg

:: C ~ _1_ [., _ 2(QH cos Q:F+ zH sin Q:F) ]
L S 57 "'q _.

Ck H W .3 c

yc H
- =0.19
b/2

€q == -0.02 (interpolated using Figures 7.4.1.3·4p, -4q, and -4r)

Tail Characteristics:

SH
CL == 0.08 per deg iH == 1 deg S == 0.37

O<H w

RH == 60.0 ft zH == 8.0 ft € ::: 1.6 deg

Given: Same configuration as sample problem of Paragraph A of Section 7.1.1.3.

Compute:

... . '

~. .... .

. ,
I~' -.

I
I
!

I

•
j

7.4.1.3-3

I [ 2[(60.0) (0.99985)+ (8.0) (0.01745)1]
== (0.08) (0.37) -- -0.02 - -_.-

57.3 25.0

::: -0.00249 per deg2

CD == 0.00272 per deg (Sample Problem, Paragraph A Section 7.1.1.3)
qw

Solution:
"

: .

I
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(Equation 7.4.I,3-a)

== 0.00572 per deg

== 0.00272 + 0.00549 - (0.00249) (1.0)

B. TRANSONIC

~
I:
I:· .
~: .
~ "
~. w '

" .
~.'-." No method is presented.

~I
C".' <-. SUPERSONIC

. "

" '..~ -,'...

FIGURE 7.4.1.34 VARIATION IN DOWNWASH WITH PITCH RATE
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, 7;4.2 WING-BODY-TAIL ROLLING DERIVATIVES

7.4.2.1 WING·BODY.TAIL ROLLING DERIVATIVE CYp

This section presents methods for estimating the nondimensional rolling derivative Cy p of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available' for estimating the wing·body~tail rolling derivative Cy p' The
derivative Cy p is the change in side-force coefficient with change in wing-tip helix angle and is
expressed as

Cy
p

,·,ac" .

= a(~~.:)

,"

',-

.,,:

... ~ ~.

-,

In general, the Datoom methods consist of 'a synthesisofmaterial presented in Sections 7.1.2.1 and
7.3.2.1, and the vertical-tail contribution based on the methods of reference 1.

The derivative Cy p arises mainly from the wing and vertical tail. At high angles of attack the
vertical-tail contribution predominates. The resultant side force on the vertical tail is generated
whrn the aircraft has a rolling velocity p about its longitudinal body axis and the vertical tail is
located, either above, or below the longitudinal axis. Generally Cy p is of little importance in
lateral dynamics, hence isfreq\lently neglected.

The side force at the vertical tail is created by the effective angle of attack due to the roUing
velocity p and the sidewash generated from the wing and fuselage. The sidewash at the vertical
tail can significantly alter the tail contribution. This effect is discussed more fully in reference 2.
Studies have indicated tl.ta! theet'fect, ~f the si~ewash varies considerably with tail size, location,
and tO,some e~tent wit:hwing planform. ' ',"

A. SUBSONIC .

Two methods are presented for determining the rolling derivati':e Cy p of the wing-body-tail
combination,. differina only in their treatment of wing sidewash on the vertical tail. The first
method is applicable to conventionally located vertical tails, and the second method applies to
tails located directly above. or above and slightly behind the wing. Both methods are based on
the assumption that the vertical-tail contribution to Cy p is zero at ex =0 and varies with angle of
attack.

For an isolated~wl ~nrJlUl'ation thevertlc81-tail value of. Cy p , is approximated by

7.4.2.1-1
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For a conventionally located vertical tail the effect of wing sidewash on the vertical tail has been
approximately accounted for by

, ..
,j

· .
";'-- :

, ...
i

1
~

t .'
~. "

r '
~.. '

f.'i', ';
1- "

For configurations with tails located directly above or slightly behind the wing, the effect of
wing sidewash has been approximated by using the average of the isolated-tail and conventional
tail values.

DATCOM METHODS

Method I

, ~

For conventionally located vertical tails, the equation for the nondimensional rolHng derivative
Cy p of a wing-body configuration, based on the product of wing area and span Sw bw, is given
by

is the wing-body contribution to 'Cv p obtained from test data or
Section 7.3.2.1 and based on the product of wing area and span (per
radian).

/,." ~

'.~
I
,

7.4.2.I-aCy = ('Cy ) + 2 [Z - Zp] (~Cy ) (per radian)
p p WB bw P V(WBH)

where

" .

~
~ ...

· .
~.

; ~ ~

to.· '

".

· '

~
·.
( '.

~.'>.
'.: .'. -.. ~
~.,,.
I' .'

bw is the wing span.

is the distance from the moment reference center to the center-of
pressure location of the vertical stabilizer, measured nonnal to the body
center line, positive for the stabilizer above the body. For Datcom
purposes, the vertical-tail cen ter-of-pressure location is assumed to be
the quarter-ehord point of the MAC of the total added panel.

~, .' .

~p is the distance from the moment reference center to the center-of
pressure location of the vertical stabilizer, measured parallel to the body
center line. For Datcom purposes, the vertical-tail cCllter-of-pressure
location is assumed to be the quarter--chord point of the MAC of the
total added panel.

z is the vertical distance of the vertical-tail center-of-pressure location
above or below the moment-reference--eenter location. This value must
be calculated for each angle of attack (see sketch (a»). From sketch (a).
z may be expressed as

z ;;;: Z cos 0/ -!1 sin cr
p r 7.4.2.I-b

f:. 7.4.2.1-2
~_._-
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~
k
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(~Cy ~)V(WBH) is the tail-body sideslip derivative from test data or Section 5.3.1.1,
based on the wing area (per radian). This derivative should include the
end-plate effects of the horizontal tail.

1'-' ,
I': -.-,
't_ ..

i
!

I
I,

"..

.-.----- f p ----....-I VERTICAL·TAIL
CENTER.QF·PRESSURE
LOCATION

SKETCH (a)

Method 2

For vertical tails located either directly above. cr above and slightly behind the wing, the
equation for the nondimensional rolling derivative Cy p of a wing-body-tail configuration, based
on the product of wing area and span Sw bw, is given by

[
2 z - z ]

C = (C) + p (~C ) (per radian)
y p y p WB bw y~ V(WBH)

where the components are described in method I above.

Simple Problem

7.4.2.1-e

LC- OP
HORIZONTAL
TAIL

Method I

Gh ~n: Model of reference 3
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7.4.~.1·3



, .

~. - '.

t··~.
L ..
l

r· ..
"~ .... .

I·,

~.' .~ ...
~ .
" .

[ "

~ .'

tl
I.',
"I,

i'
'.,

Wing Parameters:

Sw = 428.0 sq in.

A = 0.565

Horizontal-Tail Parameters:

SH = 97.10 sq in.

A =: 0.50

Vertical-Tail Parameters:

bw = 38.84 in.

bH = 18.66 in.

-ZH = 6.60 in.

Aw = 3.57

Zw = 0

!'

~'.~ '"

C '
l:
L
L

~
r,
r '
~ -, .

,"
~ - ...

t.· .
~. . .. '
•. ,

Sv =: 140.5 sq in.

x = 0.176

Zp =: 5.0 in.

Additional Parameters:

ex = 8.()0 M =: 0.17

2e1 = 4.0 in.

Compute:

by = 12.68 in. Ay = 1.15

Cy = 11.0 in. .he/2 = 450

£p =: 24.3 in. x = 7.25 in.
.~. j

~

(C) =- 0.52 per rad (test data)
Y p WB

d = 7.5 in.

r,'.
l
'.

'.
~.•
r- '.

Calculate the tail-body sideslip derivative (ACy ) from Section 5.3.I.l
~ Y(WBH)

by 12.68- =: -- =: 3.17
2f1 4

AY(B)
1.29 (figure 5.3.1.1-2~a)=:

Av

~I -6.60- = -- = ,-0.52
bv 12.68

x 7.25
= =: 0.659

Cy 11.0

7.4.2.1-4
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= 0.37) (1.404)

SH 97.1- ::: '- .- 0.691
Sy 140.5

KH = 0.76 (figure 5.3.1.1-22 c)

Aeff
AV.(B) A

{ K V'VlHB' -IlJ= I + IiA Y
AY(B)Y

= (1.2Y) (l.l 5) II + 0.76 [0.90 - 1.0]~

= (1.29Ul.lS) (0.924)

= 1.37

I( = 1 (assumed)

Adr ( ) 1/2-- (32 -+ tan2 A =
I( e/2

{equation 5.3.1.1-a)

(1.37) [0.971 + 11 1/2

= 1.923

(figure 5.3.1.1-22b)

(figure 4.1.3.2-49)

= 0.90

= 1.315

A Y(HB)----
AY (8)

..~:

;

.

~

.

i.~

:,
"

~

~

--'.i '!"

" ,.

1 ~

•
•

CL = (1.31 S) (1.37)
a

= 1.80 ver rad (based on Sy)

• (I + :;)~ = 0.724 + 3.06 I ::::". +
0.4 Zw
""-d t 0.009A (equation 5.4.I-a)

:: (140.5)/(428.0) + (0.4) 0 + (0.009) (3.57)
0.724 + 3.06 1.807 7.5

" = 0.724 + 0.556 + 0.0321

"" 1.312

• 7.4.2.1-5
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k = 0.94 (figure 5.3 .1.1 ~22d)

Calculate the vertical distance z of the vertical-tail center-of-pressure location above or below
the moment-referencc-center location

(equation 5.3.I.1~b)

(equation 7A.2.t-b)

140.5
- -(0.94) (1.80) (1.312) 428.0

= -0.729 per rad (based on Sw)

z = zp cos 0:: - £p sin 0::

= (5.0) (0.9903) - (24.3) (0.1392)

= 4.95 - 3.38

= 1.57 in.

Calculate the rolling derivative Cy for the wing-body-tail configuration
p

...:.

f" '.k'·,
!~ . .
I ',

-· ..'~.

~'.
... ,,"

•

c [' -'pH ) (equation 7.4.2.I-a)= C + 2 --- ACYp ( YP)WB hw YP V(WBH)

= 0.52 + 2 [~7 - 5:.00] (-0.729)
38.84

= 0.52 + (2) C-0.OU83) (--0.729)

- 0.52 + 0.129

= 0.649 per fad (based 011 Sw bw)'

This compares with a test value of 0.62 per radidn from reference 3.

~. -
B. TRANSONIC

No generalized method is available in the literature tor t'stllnanng lranSOnJc values I.f the roBing
derivative Cy p' Furthermore, only limited experimental data an: avaiiable for this derivative at
transonic speeds (see table 7-A).

l· .,.
r---
r
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C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the rolling
derivative Cy p' Furthermore, there is a scarcity of experimental data for this d ivative .at
supersonic speeds.

For the purposes of the Datcom the fuselage effect is considered to be negligible for wing-body
configurations with body diameters less than about 30 percent of the wing span. Therefore, for
configurations with d/b ~ 0.3, the wing-body rolling derivative Cy p is estimated by the
wing-alone method of paragraph C of Section 7.1.2.1.

Methods are presented in reference 4 for evaluating the vertical-tail contribution to Cy p' The
stability derivatives presented therein are derived by using supersonic linearized theory for
families of thin, isolated vertical tails perfonning steady rolling motions. Vertical-tail families
(half-delta and rectangular planforms) are considered over a broad Mach number range. Also
considered are vertical tails with arbitrary sweepback and taper ratio at Mach numbers for which
both the leading edge and trailing edge of the tail are supersonic, and triangular vertical tails with
a subsonic leading edge ,and a supersonic trailing edge.

REFERENCES

1. Cwnpbell, J. P., and McKinney, M. 0.: Summery of Methods fot Cllculating Dynamic LltlIril Stability and Response and
ior Estimating Lltt...1Stability Derivatives. NACA TR 1098. 1952. lUI

2. Michlel, W. H. Jr.: Analysi$ of the Effecn of Wing Inwrfw.nce on thll Tail Contribution: to the Rolling Derivatives.
NACA TR 1086, 1962. lUI

3. au.ijo, M. J., and Wells, E. G.: Wind-Tunnel lovestiglltion of the LowSpeed Static end Rotllry Stability Derivatives of 8

O.13-5ca1e Model of the Douglas 0-558·11 Airplane in thll Landing ConfillUl1ltion. NACA RM L52G07, 1962. lUI

4. Margoli$, K., lind Bobbin, P. J.: Theoretic. Calculation$ of the Pressures, Forces, and MOtTMtnts at Supersonic Speeds due
to VllriOUS Lateral Motions Acting on Th'in 1s0lllted Vertical Tails. NACA TR 1268, 1956. lUI

7.4.2.1-7

- ....... ~ • '. . .. i.. · •••• '. • " ' ..... .....-:.:........:..--CIot....i.~_:...... _......-._~~..:.:..... __a...-.....j~. _ ...__ •._ ..... _"._ 11 __ ~__~ _ ... _" _ ~ _ .. _ ~ _ • _ .. _ ,. _. ,



r:~'-'-'T

lrt
I~
t-
~

r
f
l

t?
~- -"
f~-:"
!'- '
t~

·-

~
t' "

r·'-f- ,".' ,

N
f~·"·::

~
· .
....':

~
Q.

I ,
i
I

~
I.
I"
!.

i
~
l-,... "-
~

r."..·.,
" ,

r, •
i" •
r

l"t
( ~

,.
"'"0-r ,

I

, ",

I '
I

, '

ReviJed September 1970

7.4.2.2 WING·BODY·TAIL ROLLING DERIVATIVE C/
p

This section presents methods for estimating the nondimensional rolling derivative CJ of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods ar~ available for estimating the wing-body-tail rolling derivative C/ . The
derivative C/p is the change in rolling-moment coefficient with change in wing-tip helix an~e and
is commonly referred to as the roll-damping derivative. It i.3 expressed as

In general, the Datcom methods consist of a synthesis of material presented in Sections 7.1.2.2 and
7.3 .2.2, and the vertical-tail contribution based on the methods of reference I .

The derivative C/p is iniportant in lateral dynamics, since it detennines the damping-in-roll
characteristics of the vehicle. The derivative is composed of-contributions, negative in sign, from
the wing, the horizontal tail, and the vertical tail, with the main contribution coming from the
wing. The contribution from the vertical tail is usually negligible at low and moderate angles of
attack. However, the vertical-tail contribution can become significant at high angles of attack,
when the effective moment arm of the tail (z/bw) becomes a large negative value.

The rolling wing produces a sidewash at the vertical tail, which can significantly alter the
vertical-tail contribution. This effect is discussed more fully in reference 2. Studies have indicated

that the effect of the sidewash varies considerably with tail size, tail location, and to some extent
with wing planform.

Conventional horizontal-tail effects on C/p are usually small and ofter!. nt':glected, although
unusually large horizontal tails can contribute significantly (see references I and 3). The
horizontal-tail contribution is obtained by using the horizontal-tail geometry and the method of
Section 7.1.2.2. The value from Section 7.1.2.2 is then multiplied by a constant, which" accounts
for the flow rotation produced by the wing, and by the appropriate geometrical parameters to
refer the result to the proper reference base.

A. SUBSONIC

Two methods ate presented for determining the rolling derivative Clp of the wing-body-tail
combination, differing only in tlleir treatment of wing sidewash on the vertical tail. The first
method is applicable to conventionally located vertical tails, and the second method applies to
tails located directly above, or above and slightly behind the wing. Both methods are based on
the assurylption that the vertical-tail con tribution to CLp is zero at a::;: 0 and varies with angle of

attack.

'7.4.2.2-1
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OATCOM METHODS

(per radian) 7.4.2.2-a

hi the Wing-body contribution to C/p ' obtained from test data at
Secti~n 7.1.2.2 and based on the procuct of wing area and the square
of wing span (per radian).

(SH)(bH)2('/ = (C1 ) + 0.5 (c[) - -b- +
p pWIl pH Sw W

For a conventionally located vertkal tail the effect of wing sidewash on the vertical tail has been
approxim<ltely accounted for by

For configurations with tails located directiy above or slightly behind the wing, the effect of
wing sidewa~h has been approximated by using the average' of the isolated-tail and conventional
tail values.

For an isolatel1-tail cunfiguration the vertical..tail value of C/p is approximated by

(C/) = 2(-=-)2 CAC )
p v bw Y 13 V(WBH)

Method I

For conventionally located vertical tails, the equation for the nondimensional rolling derivative
C/p of a wing-body·tail configuration, based on the product of wing area and the square of wing
SpUIl Sw bw 2 , i~ given by

..

:.:'

-,.
. '..,.. "'

, ......

is the horiwntal-tail contributior. obtained from test data or Section
7.1.2.2, based on the horizontal-tail geometry ,per radian) . '1
is the ratio of the horizontal-tail area to the wing area times the square
of the ratio of the horizontal-tail span to the wing span.

, '.'.
is the vertical distance of the vertical-tail center-of-pressure location
above or below the moment-reference-center location. This value must
be calculated for each angle of attack. (See sketch (a) in Section
7.4.2.1.) From equation 7 .4.2.I-b, z is expressed as

z = z cos Q' .- ~ sin a.p p

I
..j

r,.
~ -- 7.4,2.2-2
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~
is the distance from the moment reference center to the center-of
pressure location of the vertical stabilizer, measured parallel to the body

·center line (see sketch (a) in Section 7.4.2.1). For Datcom purposes, the
vertical-tail centcr-of-pressure location is assumed to be the quarter
chord point of the MAC of the total added panel.

":.' ..

7.4.2.2-b(per radian)

is the tail-body sideslip derivative obtained from test data or Section
5.3.1.1. It includes the end-plate effects of the horizon tal tail and is
based on the wing area (per radian).

is the distance from the moment reference center to the center of
pressure of the vertical stabilizer, measur~d normal to the body center
line, positive for the stabilizer above the body. For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter
chord point of the MAC of the total added panel.

Method 2

( ~Cy p) V(WBH)

For vertical tails located either directly above, or above and slightly behind the wing, the
equation of the nondimensional rolling derivative Cfp of a wing-body-tail configuration, based or
the product of wing area and the square of wing span Sw bw 2, is given by

:." ~ -

",
;: ' .
..

where the components are described in method 1 above.

I•• " .. .Ae Problem
I .. ',,
i' .0,. Method I

Given: Model of reference 4
'.'

~.
:-:-~

~ .'
~
r

f".

r'.
~~

<:::=:- ---- 7

a.c. Of
HORIZONTAL
TAIL

7.4.2.2-3
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Wing Parame leI'S:

Sw = 1.90 sq ft bw = 2.16 ft = 2.44 A ;; 0.38

c = 0.94 ft

Horizontal-Tail Parameters:
..i

.,
SH ;; 0.48 sq ft

Vertical-Tail Parameters:

bH
:: 1.20 ft AH = 2.97 A = 0.31

tr = 0 = 0.05 C :: 0.44 ft -zH = 8.30 in.
-1c

,'oJ

I

I
<~

I
\

~

1
I

Ay = 0.37

zp :: 0.308 ft.

2r1 = 4.88 in.

+ (AC )
I p drIB

= -0.30 per rad (test data)

Ay = 0.86

0.25 ft

by = 9.0 in.

x =

c = 0.87 ft

M :: 0.25

Cy "" 0.42 ft

Sy ;;;; 0.56 sq ft

a = 4.00

(equation 7.1.2.2-a)

i3 _. ~ M2 :: /1 - (.25)2 ;; 0.968

Additional Parameters:

Calculate (C/ ) for the horizontal tail from Section 7.1.2.2
p Ii

Compute:

I" ._.

r
i'" -

I" ".

~.

...

""'- -..

7.4.2.24
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k .'

~~.•.
,: .
[:

~
~ ..:

L .....
~

tan- 1 (0.1853)Ap -
0.968

= tan- 1 (0.1914) = 10.80

I<. = I (assumed)

J3AH (0.968) (2.97)
= = 2.87

I<. 1.0

(figure 7.1 .2.2-20b)

Swet
RL.s. -S- (equation 4.1.5.1-a)

ref

(equation 7.1.2.2-c)

(figure 7.1.2.2-24)

C 2
L

= 0.015 per rad

=---

= I (no dihedral)

C 2
L

£ = CH = 0.44 ft

,',0"'

- -.'

~~ .
.'"' "

~., ' .." .

k = 0.05 X '10- 3 in (table 4.1.5. I-A, assume polished wood surface)

.. .•
'-.

...' .
Q

k
=

(0.44) (12)

5 x 10- 5
= 1.056 x 105

.. ' Cutoff Reynolds number, R£ = 7 X 106 (figur~ 4.1.5.1-27)

7.4.2.2-5'
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Test Reynolds number, RQ = I.S x. 106

C
f

= 0.00410 (figure 4.l.S.1-26)

." . L = 1.2 (assume (t/~)mal( is lo\:ated at x = .SOc)

(figure 4.1.5.1-28a)

= 2.0 (assumed)

= 0.00927

t". ,
j
I
I
I

i
1

I
i
I

I
~. J
I

(equation 4.l.5.l-a)RL.S. S
rei

(figure 4.1.5 .1-28b)= 1.067

= (0.00410) (1.06) (1.067) (2.0)

cos A(t/c) = cos 0° = 1.0
max

.,.

".. ,'

(equation 7.1.2.2-c)

, .. '

','.,. 0.00927= (o.nIS) (0.3)2 - --
8

.- 0.001350 -' 0.001159

••
= 0.000191 per rad

, .
, . t (ll.Ct ) (p~r radian)

p dr..

(equation 7.1.2.2-a)

.' 7.4.2.2-6
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~. <.

.......

:: (-·0.245) (~.08) (1) (I) + 0.000191
\0.06

= -0.253 + 0.000191

:::>< -0.2-53 per rad (based on product of horizontal tf'il area and the square

of tail span SH bH 2)

Calculate tLe vertical distance z of the vertical-tail center-of-pressure location above or below
the moment·referenceecenter location

z = zp cos 0: - Rp sin 0: (equation 7.4.2.1·b)

= (0.308) (0.9976) - (1.25) (0.06976)

= 0.220 ft

Calculate the tail·body sideslip derivative (.6.Cy ) from Section 5.3.1.1
Jl v (WBH)

9.0::; = 1.84
4.88

Ii
~ ~ '.
III ~ ",

.' .", .

AY(B)
-- ::: 1.63

Ay
(figure 5.3.1.1-22a)

'..-.. ,"..,,'..

-8.30= -- - -0.922
9.0

x 0.25= = 0.595
Gv 0.42

A Y (H8)

Ay (8)
= 1.39

=
0.48

0.56

(figure 5.3.1.1-22b)

= 0.857

KH = 0.85 (figure 5.3.1.1 e 22c)

7.4.2.2-7r:.
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Av (8)
A y {I +KH

[AVO~ _InAeff = --
A y AY(B)

= (1.63) (0.86) { 1 + 0.85 [1.39-11 ~

= (1.63) (0.80) (1.33)

- 1.86

K = I (assumed)

(equation 5.3.1.1-a)

. <
'. :~

I

Aeff [ \ 1/2-- 132 + tan 2 A ;;;
K e/2

1.86 [0.9375 + (0.42%)21 1/2 = 1.86 (1.06) = 1.97

"..

= 2.42 per rad (based on Sv)

(equation 5.4.1-a)

+ 0 + (O.OO~') (2.'1,~)

Zw
+ 0.4 - + 0.009A

d

(figure 4 1.3.2-49)

0.56/1.90
= 0.724 + 3.06 1.9511

= 1.30

C
L

= (1.30) (1.86)
u

(1 + ~a~) ~q·-oo':'.. :: 0.724 + 3.06 Sv ISw

\ I-' 1 + cos /'e/~

~ .'.

~t"', ..
~. ','

I, .'
I,', .
l '.'
l',.' .

~
~ ~ ..
r·... · ...
!I.. '.".
"'- ......·..
i' ••

....- ."\.

~.~•. = 0.724 + 0.462 + 0.022

;;: 1.208

" ., .
I. ,'.

k = 0.75 (figure 5.3.1.1-22d)·' .,..
(equation 5.3.1 .1-b)

" .
0.56

= (0.75) (2.42) (1.208) -
1.90

I'" •

...... '

- -0.646 per rad (basf'd on Sw)

· .

to' -, • 7.4.2.2-8
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(, = (c,) + 0.5 (C1 ) (su.) (~)2 + 2 (2..)
p p WB p H Sw bw bW

(equation 7.4.2.2-a)

,1 , ..,

,.'

C. SUPERSONIC

B. TRANSONIC

This compares with a test value of -0.33 per radian from reference 4.

The wing-body roll-damping derivative at supersonic speeds is estimated by the wing-body
method of paragraph C of Section 1.3.2.2.

(-0.646)

(~)2
'-2.16(

0.48 \= -0.30 + (0.5) (-0.253) 1.90/

(0.22) [0.22 _. 0.308]
-I- 2 -- -----

2.16 2.16

::: -0.30 - 0.00986 - 0.00536

No gelleralized method is available in the literature for estimatIng supersonic values of the
roll-damping derivative CJp '

No generalized reliable method is available in the literature for estimating transonic values of the
roll-damping derivative C/p ' However, a considerable quantity of test data is available and
reference should be made to tabk 7-A.

= -0.315 per rad (based on the product of wing area and the square of wing span

Sw bw2)

Methods are presented in reference 5 for evaluating the vertical-tail contribution to C/p ' The
stability derivatives presented therein are derived by using supersonic linearized theory for
families of thin isolated vertical tails performing steady rolling motions. Vertical-tail families
(half-delta and rectangular planfo~) are considered over a broad Mach number range. Also
considered are vertical tails with arbitrary swctlpback and taper ratio at Mach numbers for which
both the leading edse and trailing edge of the tail are supersonic, lind triangular vertical tails with
a subsonic leading edge and a supersonic traiUng edge.
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7.4.2.3 WlNG·BODY·TAIL ROLLING DERIVATIVE Cnp
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This section presents methods for estimating the nondimensional rolling derivative Cn of
win~body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available for estimating the wing-body-tail rolling derivative Cn • This

p
derivative is the change in yawing-moment coefficient with change in wing-tip helix angle and is
expressed as

In general, the Datcom methods consist of a synthesis of material presented in Sections 7.1.2.3 and
7.3.2.3, and the vertical·tail contribution based on the methods of reference J.

Contributions to this derivative arise from two sources, the wing and the ·..ertical tail. The wing
contribution is usually negative; whereas the tail contribution may be positive or negative
depending on vertical·tail geometry, sidewash, and equlibrium angle of attack.

The rolling wing produces a sidewash at the vertical tail, which can significantly alter the
vertical-tail contribution. This effect is discussed more fully in reference 2. Studies have indicated
that the effect of the sidewash varies considerably with tail size, tail location, and to some extent
with wing planform.

The derivative Cnp is important in lateral dynamics because of its influence on Dutch-roll
damping. Although for most configurations Cnp is negative, positive values of Cnp are desired to
increF,se the Dutch-roll damping characteristics. '

A. SUBSONIC

Two methods are presented for determining the rolling derivative Cn p of the wing-body-tail
combination, differing only in their treatment of wing sidewash on the vertical tail. Thr first
method is applicable to conventionally located vertical tails, and the seco:~d method applies to
tails located directly above, or above and slightly behind the wing.

Both methods are based on the assurr.ption that the vertical-tail contribution to Cn p is zero =it
a = u and varies with angle of attack.

For an isolated-tail configuration the vertical-tail value of Cnp is approximated By

7.4.2.3-;
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7.4.2.3-b

7.4.2.3-a

('.£iCy ) (per radian)
fI V(WBH)
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is the wing-body contribution to Cnp ' obtained from test data or
Section 7.3.2.3 and based on the product of wing area and the square
of wing span (per radian).

is the distance from the moment reference center to the center.af
pressure location of the vertical stabilizer, measured parallel to the body
center line (see sketch (a) in Section 7.4.2.1). For Datcom purposes, the
vertical-tail ce:1ter-of-pressure location is assumed to be the quarter
chord point of the MAC of the total added panel.

is the wing span.

[
Z- Z]C = ('C) + 2 _2

n p n p WB bw

DATCOM METHODS

C = (C) _.~ (12 cos 0: + Z sin ex)
np n p W8 bw P P

bw

For a cOhventio'lally located vertical tail the effect of wing sidewash on the vertical tail has been

approximately accounted for by (Cnp)v = 2 [::Zp ] (~Cnp) p' For configurations with tails

lo(',ated directly above or slightly behind the wing, the effect of wing sidewash has been
approximated by using the average of the isolated-tail and conventional-tail values.

where

Method 1

However, if test data for (ACnlJ) p of the empennage are available, the above equation can be
rewritten to include the effective tail length, i.e.,

For conventionally located vertical tails, the equation for the nondimensional rolling derivative
Cnp of a w'ing-body-tail configuration, based on the product of wipg area and the square of wing
span Sw bow 2 , is given by

." '.· .'
~ ,
l- '.•" .~ .. .
r "t'" .
:'.· ._~ ..

-... "..
" '.

r.

z is the vertical distance of the vertical-tail center.af-pressure location
above or below the moment-reference-center location. This value must
be calculated for each angle of attack. (See sketch (a) in Section
7.4.2.1.) From equation 7.4.2.I-b, z can be expressed as

z = Z COSQ-t sma.
P p

7.4.2.3-2
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zp is the distance from the moment reference center to the center of
pressure of the vertical stabilizer, measured normal to the body center
line, positive for the stabilizer above the body. For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter
chord !,oint of the MAC ·of the total added panel.

is the tail-body sideslip derivative from test data or Section 5.3.1.1. It
includes the end-plate effects of the horizontal tail and is based on the
wing area (per radian).

is the tail-body sideslip derivative from force-test data, where p refers to
panels present in the empennage; It is based on the product of wing
area and span (per radian).

Method 2

For vertical tails located either directly above, or above and slightly behind the wing, the
equation for the nondimensional rolling derivative Cnp of a Vting-body-tail configuration, based
on the product of wing area and the square of wing span Sw bw 2 , is given by

7A.2.3-c

7A.2.3-d

lACy ) (per radian)
\ p v (WBH)

Sample Problem

where the components are described in method I above.

However. if test data for (AC ) of the ~mpennage are available, the equation can be rewritten to
n(J ~

i;i,;iUlJe the effective tail length. i.e.,

Le. OF
HORIZONTAL
TAIL-

. , f

Method 1

Given: Model of reference 3

~ ..

I .•

~ ...

·

I ", "

, .'·"

~~
~
I
I'
•
f'
I
L',! S1... ' a •



bW = 2.16 ft Aw == 2.44 -.

Ac/4 = 18.0°

· ~~

· ~
",

bH = 1.20 ft AH
;;: 2.97

-zH ;;: 8.30 in.
•'.· .

--, .~ -~~. ;,~

x = 0.25 ft

Av = 0.86bv == 9.0 in.

Cy = 0.42 ft

£p ;;: 1.25 ft

......... "-.,

"y ;;: 0.31

"y := 0.38

SH ;;; 0.48 sq ft

Zp :; 0.308 ft

Sw ;;: 1.90 sq ft

Sv - 0.56 sq ft

Horizontal-Tail Parameters:

Wing Parameters;

Vertical-Tail Parameters:

".- .

.' .. ,

Calculate tll.:: tail-body sideslip derivative I/:iCy ) from Section 5.3.1.1
\. {J Y(WBH)

9.0
_......_.. - 1,84

4.H8

~ ;; 6.00

.j

~.'J
I
i
I

(c) = 0.02 per rad (test data)
"p WB

2r1 = 4.88 in.

(figure 5.3.1.1-22a)

M ;;: 0.25

::: 1.63'

Additional Parameters:

Compute:

~ .-
~....
~' ..
~' ..
" '~'.

~.•

,..

, .
~~: .:.' '.

~'"
~. ,

~'.' .:
I •

r- ',:,
~. . .

L•I' "
t', .',
r·...

I',.'....
'.

ZtI 8.30
-0.922;; ._- :-

bv 9.0

x 0.25
.. __ . ...: - 0.595
('v 0.42

'.

7.4.2.3-4
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A Y(HB)
1.39 (figure S.3.1.1-22b)=

AY(B)

SH 0.48- = -- = 0.857
Sy 0.56

~ff [132 + tan2 I\.c/2 ] 1/2 = 1.86 [0.Q375 + (0.4296)2]1/2 = 1.86 (1.06) = 1.97

(I + ~;) :~ = 0.724 + 3.06 1 ::~~~'14 0.4 :w + 0.009A (equation 5.4.1-al

(equation 5.3.1.1-a)

(figure 4.13.249)

.- 0.724 + 3.06 (0.56/1.90) T °+ (0.009) (2.44)
1.9511

= 0.724 + 0.462 + 0.022

= 1.208

= 1.30

= 2.42 per rad (based on Sy)

KH = 0.85 U'""Ui; 5.3.1.1-22c)

AYn.: l {I + KH
[ AV(HB) -I]}c''-err = -_........- A

. v
AY(B);'l_V

., (1.63) (0.86) {I + 0.85 [1.39- 1l}

- (1.63) (0.86) (1.33)

= 1.86

" = 1 (assumed)

CL = (1.30) (1.86)
a

~
t :~~
~

~ '","

;W t~,
~

:.

r
[ :

II
·.',.'

~..
,;
~~ -,
I -.r-.
~

·
~•1"-
0

•
"·
~.
t'

0

~-.
~.•
f -

k = 0.75 (figure 5.3.1.1-22d)

7.4.~.3-5
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(tJ.C) =: k Ie ) (1 + 00) qy Sy (equation 5.3.l.l-b)
\. y p Y (WBH) - \ I. Q Y 0/3 Q...., Sw

= -(0.75) (2.42) (1.208) f-0.56 )
\1.90

= -0.646 per rad (based on Sw)

Calculate the vertical distance z of the vertical-tail center-cf-pressure location above or below the
moment-reference-center location

z =: zp cos Q - £p sin Q (equation 7.4.2.l·b)

= (0.308) (0.9945) -( 1.25) (0.1 045)

= 0.176 ft

(ACy Il)Y(WBH)

(equation 7.4.2.3-a)

2 [0.176 - 0.308] _= (0.02)·- 2.16 [(1.25) (0.9945) + (0.308) (0.1045») 2.16 (-0.64b)

= 0.02 _ 2 (1.275) 1-0
.
132

) (-0.646)
2.16 \2.16

= 0.02 - 0.0466

= -0.0266 per fad (based on Sw bw2)

"--',
"

•.. ,

. .J

'41 This compares with a test value of -0.048 pef radian from reference 3.

B. TRANSONIC

No geheralized method is available in the literature for estimating transonic values of the rolling
derivative Cn p •

C. SUPERSONIC

"41
N0 generalized method is available in the literature for estimating supersonic values of the rolling
derivative Cnp '

7.4.2.3-6
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For the purpose of th~ Datcom the fuselage effect is considered to be negligible for wing-body
configurations with body diameters less than about 30 percent of the wing span. Therefore, for
contigurations with d/b ~ 0.3, the wing-body rolling derivative Cn is estimated by the
wing-alone method of paragraph C of Section 7.1.2.3. p

Methods are presented in reference 4 for evaluating the vertical-tail contribution to Cn p' The
stability derivatives pr~sented therein are derived by using supersonic linearized theory for
families of thin isolated vertical tails performing steady rolling motions. Vertical-tail families
(half-delta and rectangular planforms) are considered over a broad Mach number range. Also
consi.dered are vertical tails with arbitrary sweepback and taper ratio at Mach numbers for which
both the leading edge and trailing edge of the tail arc supersonic, and triangular vertical tails with
a subsonic leading edge and a supersonic trailing edge.
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7.4.3 WlNG-BODY~TAlL YAWING DERIVATIVES

7.4.3.1 WING·BODY·TAIL YAWING DERIVATIVE Cy r

This section presents a method for estimating the nondimensional yawing derivative Cy; of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available for estimating the wing-body-tail yawing derivative Cy r' This
derivative is the change in side·force coefficient with variation in yawing velocity and is
expressed as

OATCOM METHOD

A. SUBSONIC

7.4.3. I-a

7.4.3.1-b

2
=(Cy ) - -b (2p cos (I + 2:.r sin (I) (ACy ) (per radian)

r W8 W P V(WBH)

C ::: (C) + 2 (AC) (per radian)
Yr Y I WB "p p

In general, the Dateom method consists of a synthesis of material presented in Sections 7.1.3.1 and
7.3.3.1, and the vertical·tail contribution based on the' methods of reference 1.

In the equation for estimating the yawing derivative Cy r' the sideslip-derivative contribution of
the vertical tail should include the end-plate effeets of the horizontal tail.

For the oscillatory mode, the effects due to lag of sidewash in free oscillation are important and
hence should be considered. However, no generalized method is available in the literature to
account for oscillating sidewash effects on Cy r; therefore, only the aperiodic mode of Cy r is
presented here.

The equation for the. nondimensional yawing derivative Cy r of Q! wing-body-tail configuration,
based on the product of wing area and wing span Sw bw I is given by

ContributlOns to the derivative Cy r arise from two sources, the wing and the vertical tail. The
vertical-tail contribution, which constitutes the major portion, is small and positive in sign.
Generally Cy I is of little importance in lateral dynamics, hence it is frequently neglected.

However, if test data for (ACnp) p of the empennage are available, the above eq~ation can be

rewritten to include the effective tail length, i.e.,'.
~.
'c-
~. . '

,.
~. .
I: .
,

7.4.3.1-1
~ 4
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r·,
where

.'
1

is the wing-body c?ntribution to Cy r obtained from test data or by
using the recommendahons of Section 7.1.3.1, based on the product of
wing area and wing span (per radian).

is the wing span.

is the distance .from the flloment reference center to the center-of
pressure location of the vertical sta9ilizer, measured 1?arallel to the body
center line. (See sketch (a) in Section 7.4.2.1.) For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter
chord poin t of the MAC of the total added panel.

is the distance from the moment reference center to the center of
pressure of the vertical stabilizer, measured normal to the body center
line, positive for the stabilizer above the body. For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter
chord paint of the MAC of the total added panel.

Given: Model of reference 2

,... 1'fL••

1

i
1

a.c. OF
HORIZONTAL
TAIL---,

Sample Problem

is the tail-body sideslip derivative obtained from test data or Section
5.3.1.1. It includes the end-plate effects of the horiz('·n tal tail and is
based on the wing area (per radian).

is the tail-body sideslip derivative from test data where p refers to
panels in the empennage. It is based on the product of wing area and
span (per radian).

(!iCy Ilh (WBH)

..
~ ....

, .. .

, .
~.. ' .
~.. .'
~-.
.... ........

a = X.OO -0.10 per rad (test data) ( ilC ) = 0.42 per rad (test data)
"/3 p

" .
~

~. 7.4.3.1-2
r-::
~ ., ..
" ..
. .
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Compute:

-,
i

.. ', .
Calculate the yawing detivative Cy for the wing-body·tail configuration

r

~ . .
C ::::Yr

(equation 7.4.3. I-b)

, ....

I ".,...

.. : .

'<•

•

•

-.

", ...

:::: -0.10 + 2 (0.42)

:::: 0.74 per rad (based on Sw bw)

This compares with a test value of 0.:50 per radian from reference 2.

B. TRANSONiC

No generalized method is available in the literature for estimating transonic values of the yawing
derivative Cy r' Furtherrnort, there is a scarcity of experimental data for this derivative at
i.runsonic speeds.

C. SUPERSONIC

No gt:neralized methCJd is available in the literature for estimating supersonic values of the
yawing derivative Cy r' Furthermore, there is a scarcity of experimental data for this derivative at
supersonic speeds.
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7.4.3.2 WING-BODY·TAIL YAWING DERIVATIVE Clr

-- " .... ~

This section presen ts a method for estima ting the nondimensional yawing derivative Cl
r

of
wing-body-tail combinations at subsonic speeds. However, at transonic and sUl'ersonic speeds no
generalized methods are available for estimating the yawing derivative Clr' This derivative is the
~hange in rolling-moment coefficient with change in the yawing velocity and is expressed as

.'

aCI
= -;-(iv3

.-
in general, the Datcom method consists of a synthesis of material presented in Sections 7.1.3.2 and
7.3.3.2, and the vertical-tail contribution based on the methods of reference 1.

Contributions to this derivative arise from two sources, the wing and the vertical tail. The wing
contribution constitutes the major portion and is positive in sign. The lesser contribution of the
vertical tail can be positive or negative, depending upon tail equilibrium angle of attack. This
derivative is not of primary importance; however, it is not neglected in lateral dynamic
calcuJatioJ:'\s.

DATCOM METHOD

7.4.3.2-b

A. SUBSONIC

The equation for the nondirnensional yawing derivative Clr of a wing-bOOy-tail confisuration,
based on the prod uct of the wing area and the square of wing span Sw bw 2 , is given by

If test data for (dCnjl)p and (ACy ~ ) V(T(IlH) are available, the above equation can be
rt'written to include the total efft.etive vertical-tail center-of-pressure location.

However, if test data for (ACljl)' are available, the above equation can be rewritten to
approximate the effective vertical-tail center-of-pressure Io.,;ation (the heisht of the body center

line).

The method presented here is based on the assumpUon that the wing and fuselage interference
effects on tail effectiveness can be detennined fwm geometric dimensions and the sideslip
derivatives. This is particularly true if experimental test data are available for (!iCY")V<WBH) or
(dClf!) p in the equations given below.

'.

~'.-, .

f '."... -

..
"..,

7.4.3.2-1
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I tJ.c )
~ ... (c) + 2 -'-- ·np_.~p__ (.6C/,,)p (per radian)

....\ 'I r ,WB (!t:J.'..~) ...
Y Il V(WBH)

7.4.3.2-c

··,

where

is the wing-body contribution to Clr nbtained from test data or Section
7.3.3.2, based on the product of wing area and the square of wing span
(per r..dian).

, ~.. ~

,,
1
1

bw is the wing span.

is the distance from the moment reference center to the center-of
pressure location of the vertical stabilizer, measured parallel to the body
center line. (See sketch (a) in Section 7.4.2.1.) For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter
chord pain t of the MAC of the total added panel.

'1
'I

1
I

'.c. OF
HORIZONTAL
TAIL

c ___

is the distance from the moment reference center to the center of
pressure of the vertical stabilizer, measured normal to the body center
line, positive for the stabilizer above the body. For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter
chord poin t of the MAC of the total added panel.

is the tail-body sideslip derivative obtained from test data or Section
5.3.1.1. It includes the end-plate effects of the horizontal tail and is
based on the wing area (per radian).

is the tail-body sideslip derivative from test data, where p refers to the
panels in the empennage. It is based on the product of wing area and
span (per radian).

Sample Problem

is the tail-body sideslip derivative from test data, where p refers to the
panels in the empennage. It is based on the product of wing area and
span (per r~dian).

Given: Model of reference 2

- : .

. :~

..... ,-"

..... ,

,. ,

· '.

I. '.

r.. 7.4.3.2-2



a = 6.00 bW =: 38.84 in.

(C) = 0.10 per rad (test data)er I WIJ

Compute:

£p =: 24.3 in, zp =: 5.0 in.

(C) - -0.64 per rad (test data)
Y It I v (WBH)

, .
0' •

,'"l-:.:,....' -...

"

Calculate the yawing derivative C1 for the wing-body-tail configuration
I

- -2- (~ cos a+ z sin a) (z cos a- ~ sin a) (~CY )
b 2 P P P P It V(WBH)

W

(equation 7.4.3.2-a)

= 0.10 - _2_ ~24.3) (0.0045) + (5.0) (0.1045)]
(J8.84)2 ~

[(5.0) (0.0045} - (24.3) (0.1045)] {- 0.64)

= 0.10 + 0.051

= 0.151 per rad (based on Sw bw2)

This compares with a test value of 0.15 per radian from reference 2.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the yawing
derivativ~ ClI . Furthennore, there is a scarcity of experimental data for this derivative at
tlansonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic val,ues of the
yawing derivative CJr • Furthermore, there is a scarcity of experimental data for this derivative at
supersonic speeds.

~.. REFERENCES

1. C'"'PbeIl, J. P" .nd Goodmln, A.: A Semi'lT1Jiricel Method for Estimating the Rollin" Moment DI.MI to V_ine ClIf Airplanes.
NACA TN 1984, 1949. (UI

'.
, "

2. aueijo M. J., .nd wellS, E. G.: Wind·1'unnel Irwe'tigation of the low-Speed St.tic end Rotert Stability o.rivllti_ of •
O.13SCII. Modtl of the Douglas 0-658·11 Airpl.... in the Lending Configuration. NACA RM l62G07, 1962. (UI



r'-:'" .-. -, -.--. ---~- ~ --, -- -T'". --;0-----..- -. --roo r - ... -'-. - •.,..-,- - ~- . .-- ~.-.~_--"--.~~..,--- ...,'" _ - '"1 .... ,," ... t· .• , r-...----~~"1....,

ReYlled September 1970

7.4.3,3 WING·BODY·TAIL YAWINr; DERIVATIVE eRr

This section presents a method for estimating the nondimensional yawing derivative en r of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available for estimating the wing-body-tail yawing derivative enr • This
derivative is the change in yawing-moment coefficient with change in the yawing-velocity
parameter. It is commonly referred to as the yaw damping and is expressed as

aCn

· a(2~~)
In general, the Dstcom method consists of a synthesis of material presented In Sections 7.1.3.3 and
7.3.3.3, and the vertical-tail contribution based on the methods of reference 1.

A. SUBSONIC

OATCOM METHOD

In the equation for determining the yawili('; d~rivative Cnr' the sideslip-derivatiYe contribution I)f
the vertical tail should include the end-plate t>ffl::cts of the horizontal tail.

7.4.3.3-a

7.4.3.3-b

~ .. ~ . 7.4.33~1 J

(per radian)

(per radian)

........ --'=- ....... -.EP-c'

However, if test data for ~Cnll are available, the above equation can be expressed as
. . 2

(~Cn )
=(C\1'2 lip

nr/WB (~Cy Il)V<WBH)

For the oscillatory mode, the effects due to lag of sidewash in free oscillation are important and
hence should be considered. However, no generalized method is available in the literature to
account for oscillating sidewash effects on Cnr; therefore, only the aperiodic mode of Cnr is
presented here.

The equation for the nondimensional yawing derivative Cnj of a wing-bOOy-tail configuration,
based on the product of wing area and the square of wing span Sw bw 2 • is given by

2
Cnr = (Cn ) +-- (~ cos (t + z sin a)2 (~Cy \

r WB b 2 P P 6/V<WBH)
W

Contributions to this derivative arise from the wing, the fuselage, and the vertkal tail. The
vertical-tail contribution usually constitutes the major portion and is negative in sign (positive
damping) .

The derivative Cnr is very important in lateral dynamics because of the important contribution it
makes to the damping of the Dutch-roll oscillatory mode. Its contribution to the spiral-mode
damping is also important. It is desirable to have a large negative value of enr for each mode.

". ... ~.......
.

~ f~
r- .
~

~
..· .

· '-
, .'I -' .,
1-' -.'
~'
I.

~.,,.
~.•,
l- . .
'i.
~' .
·;',

;.-

".....

~'.t, ~

"

.·
: .,'.
l•
,..

'Ii.. --..
~. , ..
~



r ' "~ .-..~ y ~ c~ .- ••• ~ --. -~~- ~

. . .....
. ... -~ .. . ~ ..... :- . - ..... ••, ,oW 'i.r- •. ----:-y-~w ._. -,,

•

where "-
is th~ wi ng-body ~;Oll tribu tion to en I obtaillt>u fwm test data or Section

7.3.3.3, based on the PWU1I':t of wing area and th~~ square of wing span
(per radian).

,~

is the wing span.

a.C:. OF
HORIZONTAL
TAIL -

is the tail·body sideslip derivative from test data or Section 5.3.1.1 and
is based on the wing area (per radian).

Sample Problem

is the distance from the moment J'eference~enter to the centcr-ot~

prt::,sure loca tion of the vertical stabilizer. measured parallel to the body

center line. (See sketch (a) in Section 7.4.2.1.) For Datcom purposes,
the vertical-tail center-ot-pressure loca~ioll is assumed to be the quarter
chord poin t of the MAC of the total added panel.

is the tail-body sideslip derivative from test data, where p refers to the
panels in the empennage. It is based on the product of wing afl~il and
span (per radian).

is the distance from the moment reference center to the center of
pressure of the vertical stabilizer, measured normal to the body center
lin,:, positive for the stabilizer above the body. For Datcom purposes, the

vertical-tail center-of-l'reS5Ure location is assumrd to be the quarter
chord point of the MAC of the ~otal added panel.

( .1Cy iJ) V~W8H )

.L-'-~.-""----------=::::::=-_..--
-~ -_ .. --- - ._-- .--~ - e:f,,=,----

Given: Mode! of reference 2

. ",

,-

",.-

.
'.

(C) - -0.15 per L ~
or WB

\test dal..

.1
I

(t\c ) .- 0.43 per cact (test data)
nd p (.6.e \ == --0.64 per

y~,1v (WBH)
(tcst data)

r • ., .4.J.:i-2
t--

.h..··lilI>tc...h;,,;··bialtWo"to.lrtlo/lww'.....*....'011I' ...., .....__... Iloooo<lI."'-" .........'_...« ...._-"O__~,.:,..........h_........_...__'_ _ • ~_-1..~A__~.JL .• ~. .-"



Compute:

Calculate the yawing derivative en for the wing-body-tail configuration
:

'.-

!
~-~.... "

C = (C) + 2
"r "r WB

(equation 7.4.3.3-b)

I. "

(0.43)2
= -0.15 + (2) (--0.64)

= -0.15 - 0.578

This compares with a test value of --0.60 per radian from reference 2.

B. TRANSONIC

No generalized method is available in the literature for estimating tfllnsonic values of the yawing
derivative Cnr . Furthermore, there is a ,;carcity of experimental data for this derivative at
transonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values' of the
yawing; derivative Cnr • Furthermore, there i~ a scarcity of experimental data for this derivative at
supersonic speeds.
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7.4.4 WING-BODY-TAIL ACCELERATION DERIVATIVES

7.4.4.1 WING·BODY·TAIL ACCELERATION DERIVATIVE CLli

The information contained in this section is for 'estimating the nondimensional acceleration
derivative CLQ of wing-body-tail combinations at low angles of attack, This derivative is the
change in lift coefficient with rate of change of angle of attack and is expressed as

In general, the methods presented consist of a synthesIS of material presented in other sections,
although some new information is presented.

This derivative is presented in a manner similar to that used in reference I to calculate the lift of
a wing-body-tail combination. The complete derivative is the sum of contributions of individual
components, treated as isolated surfaces or bodies, and mutual interference effects. The mutual
interference effects are assumed to correspond to those due to angle-of-attack variations,
established in references 1 and 2 and presented in Section 4.3.1.2.

The horizontal-tail contribution to the derivative CL& is based on the concept of the lag of the
downwash. The nonstationary character of the lift response of the tail to changes in tail angle of
attack is neglected, and the result is attributed entirely to the fact that the downwash at the tail
does not respond instantaneously to changes in wing angle of attack. This concept is also the
basis used in estimating the horizontal-tail contribution to the derivative Cma in Section 7.4.4.2.
The result of this concept is presented in numerous aerodynamic texts, for example, reference 3.
The effect of CL& on longitudinal stability is usually unimportant and is therefore frequently
neglected in dynamic analyses.

A. SUBSONIC

Two methods are presented for determining the acceleration dtlrivative CL<i: of wing-body-tail
combinations, differing only in their treatment of the effect of the flow field of the forward
surface on the aft surfacr

DATCOM METHODS

Method 1. (b'/b" ;;.s 1.5)

For configurations in which the span of the forward surface is large compared to that of the aft
surface, the following approach can be used. This method is to be used when the ratio of the
'forward-panel span to the aft ..panel span is 1.5 or greater. The equation of the nondimensional
acceleration derivative CLa of a wing-body-tail configuration, based on the area and mean

7.4.4.1-1
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aerodynamic chord of the total forward panel and referred to a moment center at the assumed
center of gravity or center of rotG'tion, is given by

7.4.4.1-a

, ..
, "
, oj

I

where the primed quantities refer to the forward panel, the double-primed quantities refer to the
aft panel, and the subscript e refers to the exposed panel. (See Section 4.3 .1.2 for the definition
of exposed surfaces.)

·"0"-

The remaining terms are defined in paragraph A of Section 7.4.1.1.

is the downwash gradient averaged over the aft surface, obtained fron', Section
4.4.1.

is the contribution of the wing-body configuration to the acceleration derivative
eLa, obtained from Section 7.3.4.1.

oe
Oa

Method 2. (b'/b" < 1.5)

For configurations in which the span of the forward surface is approximately equal to or less
than that of the aft surface, the vortex shed from the forward surface interacts directly with the
aft surface and the resulting interference effects must be accounted for in the tail terms. This
method is to be used when the ratio of the forward-panel span to the aft-panel span is less than
1.5. The equation for the nondimensional acceleration derivative eL& of a wing-body-tail
configuration, based on the area and mean aerodynamic chord of the total forward panel and
referred to a moment center at the assumed center of gravity or center of rotation, is given by

" ..

7.4.4.I-b

r.
I'

All the terms are defined in paragraph A of Section 7.4.1.1 and method I above.

;,.
"', Because of the similarity of the two methods a sample problem for method 2 is 110t included.
i' However, evaluation of the term (CL a)w" (V) for a wing-body-tail configuration is present1;d in

Section 4.5.1.1.

r,' .: 7.4.4.1-2



~ ' . Sample Problem
..

Method 1

Given: Same configuration as sample problems of paragraph A, Sections 704.1.1 and 704.1.2.
Some of the characteristics are repeated below. Note that for the sake of simplicity the
vehicle center of gravity has been taken at c'/4 and xc.g . - x" :::: £".

The following ratios based on total forward panel dimensions:

(CL a)e" = 4.0 per rad (sample problem, paragraph A, Section 7.4.1.1)

(-CL .) = 0.864 per rad (sample problem, paragraph A, Section 7.3.4.1)
. a Via

(Section 4.1.3.2)

(sample problem, paragraph A, Section 7.4.1.1)}KB(W)" :; 0.550

hH = 7.18 feet M :: 0.60 R£ :::: 5.16 x 107 (based on c')

Q
eff

:::: Q
2 = 18.32 feet {3 ::: 0.80 Sea level

£3 :::: C' :::: 12.133 feet ex
,

:::: 4° Smooth surfaces

2" = 27.425 feet r ""' G NACA 66-206 airfoil sections

A' = 30.97°cf4

Step 3. Tail-body interferenc~ factors (Section 4.3.1.2)

Step 2. Lift-curve slope for the exposed horizontal-tail panel

b"
004377

2£2
0.8053

£eff hH--. - = :::: 0.4026 :::: 0.1578
b' b' b b'

Q" Q
3 S "

2.26
e

:::: - = 0.2667 :::: 0.0988C' b' S'

Additional Characteristics:

Step I. Wing-body CL • (Section 7.3.4.1)
a

Compute:

~ O·
'i~

I:
i

-~.~.,
".
~iI •

f-..'
~.~
~ ,

,
'.:-'.
1:-
~,
r

;

,
h..

7.4.4.1-3
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Step 4. Dynamic pressure ratio (Section 4.4.1)

q" :::; 0.901 (sample problem, paragraph A, Section 7.4.1.1)
<J...,

Step 5. Downwash parameter (Section 4.4.1)

Obtain value for a' = 4° at M :::; 0.2 and correct for Mach number effects by equation
4.4.1-g

exo' :::; -1.60 (table 4.1.1-8)

tan I\.c/2 :: 0.4003

}\' 1/2
- ({32 + tan2 I\. )K c/2

:::; 5 [0.98 + (0.4003)2r/
2

:::;
0.985

5.43

A
:::; 0.80 (figure 4.1.3.2-49)

. .'.., .

'.
'.

.. 7.4.4.1-4

C ':::; 4.00 per rad :::; 0.0698 per deg
La:

(c ,) :: CI.;' (a' - ao') :::; 0.0698 [4 - (-1.6)] :::; 0.391
La: 0/'=4° c('

a'C = 21.00 (Section 4.1.3,4)
Lmax

a'-ao 4 _. (-1.6)
0.248:::; :::;

C('c
, 21.0 - (-1.6)-ao

Lmax

A~ff
1.0=:

A'
(figure 4.4.1-66)

b~ff _. 1.0
b'

A~ff
;; 5,0

b~ff
:::; 45.50 ft

(~. ~

'I
I

MIiI.............~-.................................a..l...o.......~,·~ ... < ....;. ..- oft ~ ...., .bl,.....-.l&.o..:...~~"_.~ I '. .. ..... ~'-~.........J'I...---. __ .. _, ..... _ ..... _ ,. _ •..• L ... _



Type of flow separation: Leading~dge separation is predominant (figure 4.4.1-68a)

by ru =:; [0.78 + 0.10 (X' ,- 0.4) + 0.003 A~/4] b~ff (Ac/4 in deg) (equation 4.4. J-f)

a = hH - (£2 + £3) fa. - OAICL
) ... berr tan r (equation 4.4.1-<1)

\ 11' Adc 2

45.50 0-- ()
2

(figure 2.2.1-8)

0.56(5.0)

9
' = 7.16 (See page 4.4.1-6)

0.3 I
=

= 7.18 - (18.32 + 12.133)(~ _ (0.41) (0.391»)
57.3 (3.14) (5.0)

:: 7.18 - (30.453)(0.0596) = 5.37

= 37.90 ft

= (0.833) (45.50)

[
36.64 JI/2

= 45.5 - (45.5 - 37.9) _.
(45.5) (7.16)

Ay = 1.10

(::) = 0.40
00

(figure 4.4.1-67)

(::)y = 0.49

0.56 A'
~ru = C '

L

k~:t' ,· ,
~ . .,

t',:',
"

..

.

·

!'!.i
:

..

~
~
........\
. '",~,

...., .

.-.....
r",· ,· ' ,
· ..r·', ,
~." ,

~ f~
.' ,
~.

··".(,"-:
~r. "·.,.,
·0
I·,
t·, .
~ ...
0'l ' .r-,.
·
~' :'
";'

"·"
·
~•~ ,-

"',' , = 45.5 - 2.5 = 43.0
" .,.
" ,", '

'.. '

==
b"

=
19.915

43.0
== 0.463

, ', "'. 7.4.4.1-5
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~ ~ . ,

'.
. :, ' ,

.,' • I

2a 2(5.37)= = 0,25
bv 43.0

, "

" .

"

0.93 (figure 4.4.1-68b)

~" '.

Of)
(oa: low

speed

G:)
=--

(::)
v

G:) := (0.93) (0.49) = 0.4557
v

(c ') = 4.50 (sample problem, paragraph A, Section 7.3.1.1)
La: M =0.6

[
' .~

. -

~
'::".'::, -
, .

t .>~r, ..
1',· -.

~
I'r .:'
!: ..... ~,
I:···.... ",

l
".. " .
-' :;..

~:~.
~. F_

(ae)
\oa M=0.6

Solution:

(Of)
:= oa low

speed

:= (0.4557) G:~~)

= (0.513)

(equation 4.4.I~g)

~ ~ ~

~ ", .

,".-.

'.~ "-,,'

I." .'

'.., ..

.'
'.,
t'.
-~I... ·
r ,'."

C'La • (ceJ.. + 2[K"IBl + KBIWl l"(:'," )(X"c~ X) (:~) (~) (ce.);

(equation 7.4.4. I-a)

0.864 + 2(1.315 + 0.550) (0.0988) (2.26) (0.513) (0.901) (4.0)

= 0.864 + 1.540

2,404 per rad (based on the area and mean aerodynamic chord of the total
forward panel and referred to a moment center at c,/4)

7.4.4.1-6
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B. TRANSONIC

No accurate methods are available for estimating the characteristics of isolated panels, the
dynamic- pressure ratio, or the downwash gradient in the transonic speed regime. The aero·
dynamic interference uK" factors for slender configurations are relatively insensitive to Mach
number; however, for nonslender configurations transonic interference effects can become quite
large and sensitive to minor changes in local contour.

DATCOM METHODS

It is recommended that the methods presented in paragraph A above be applied directly to the
transonic speed regime. Care should be taken to estimate the various parameters of equations
7AA.l-a and -b at the appropriate Mach number. The interference uK" factors should be·
obtained from paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The information included in the Datcom accounts for most of the mutual interferences that
occur between components of wing-body-tail configurations at 3upersonic speeds.

DATCOM METHODS

The methods presented in paragraph A above are also applicable to the supersonic speed range.
Care should be taken to estimate thl;': various paramete:rs of equations 7.4.4.1-a and ·b at the
appropriate Mach number. Method 3 of paragraph C of Section 4.4.1 should be used to evaluate
the last term of equation 7AA.l-b.

Sample Problem

Method 1

Given: Same configuration as sample problems of paragraph C, Sections 704.1.1 and 704.1.2, and
paragraph A of this section. Some of the characteristics are repeated below.

The following ratios based 011 total forward panel dimensions:

,.
= 2.26

C'

Additional Characteristics:

S "e

S'
::: 0.0988

hH = 7.18 ft M ::: lAO

141

~. .

A' ::: 5.0 {3 0.98 cg at c'/4

7.4.4.1-7
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Compute:

Step I, Wing-body CN . (Section 7,3.4.1)
'Q

"

(equation 7.3.4.I-a)

.. (c) =. ·0.485 per rad (sample problem, paragraph C, Section 7.3.4.'1)
'N Q WB

Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2)

(CN o)e" = 4,025 per rad (sample problem, paragraph C, Section 7.4.1.1)

Step 3. Tail-body interference factors (Section 4.3.1.2)

'."

.~ .

K "
lllW) == 0.4028 } (sample problem, paragraph C, Section 7.4.1.1)

",..
Step 4. Dynamic pressure ratio (Se;ction 4.4.1)

II
q"

Goo
= 0.80 (sample problem, paragraph C, Section 7.4.1.1)

,"

,e

"

. ,
'...

• 7.4.4.I,~

Step 5. Downwash parameter (Section 4.4.1)

C"
Obtain value in the plane of symmetry at

4

z

(l - x

I -
II
,

36,52 ft

x, y, and l referred to wind axes:

x = htl sin ~ + (36.52) cos a = 36.93

-....:' 1drt~· '" 1 "j. Ibe ~ e ,". '« -, ~, ..;' ,. ~. -A-:.:""'':'-;$,. » -e-£" !l, '4



y ; 0 (plane of symmetry)

z = hH <:os IX - (36.52) sin IX = 4615

.' "

....
2x

Pb'
= 1.656

2z

b'
= 0.2029

2y

b'
o

.~

~ '",.

••~. -

~.

r'

r·•
..
~. .,

"

f3A' = 4.90

2h
1.0·-- = (figure 4.4.1-74a)

a'pb'

e"~
2z 2h

cx'{3 (a'in rad)= -+ --
b' eff b' cx'{Jb'

= 0.2029 + (l.0) (0.0684)

= 0.2713

ae
0.29* (figure 4.4.I,-76a)- =

aa

Solution:

(equation 7.4,4. I-a)

= -0.485 + 2( 1.315 + 0.4028) (0.0988) (2.26) (0.80) (0.29) (4.025)

; -0.485 +. 0.716

= 0.231 per rad (based on the area and mean aerodynamic chord of the total forward
panel and referred to a moment center at c'/4)
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1950. lUI

3. Etkin, B.: Dvnamics of Flight. Jot'" Wiley and Som. Inc.. New York. 1959. lUI

·The data obtained from flgUles 4.4.1·74~ and 4.4.1-76:1 for triangular plllnforms have been eXlrapolated (0 (JA' 4,90. (See
refenmce 14. Section 4.4.1.)
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7.4.4.2 WING-BODY-TAIL ACCELERATION DERIVATIVE Cmti
'..'

The information contained in this section is for estimating the nondimensional acceleration
derivative Cm • of wing-body-tait combinations at low angles of attack. This derivative is the
change in pit:hing-mOment coefficient with r~te of change of angle of attack and is expressed by

OCm

=~

This derivative is important in longitudinal dynamics. since it is involved in the damping of the
short-period mode.

The Datcom methods are based on the same assumptions that were made for the total pitching
derivative CLci of the wing-body-tail combinations. and the general discUssion of Section 7.4.4.1
is directly applicable here.

A. SUBSONIC

Two methods are presented for detennining the acceleration derivative Cmit of wing-body-tail
combinations. differirw only in their treatment of the effect of the flow field of the forward
surface on the aft surface.

DATCOM METHODS

Method I. (b'/b";> 1.5)

For conflgUl'lltions in which the span of the forward surface is large compared to that of the aft
surface. the following approach can be used. This method is to be used when the ratio of the
forward-panel span to the aft-panel span is 1.5 or greater. The equation for the nondimensional
accele-"ltion derivative Cmit of a wing-body-tail confIgUration. based on the area and the square
of the mean 2..~rodynamic chord of the total forward panel and referred to a moment center at
the assurl1ed center of aravity or center of rotation. is given by

'. .'
,". 7.4.4.2-a

" ... ......

where the primed quantities refer to the forward panel. the double-primed quantities refer to the
aft panel. and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition
of exposed surfaces.)

7.4.4.2~1
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(Cm&)WB

fJ.,

". ~) ae
.. ~: '

00·-. ~

'..·

is the contribution of the wing-body configuration to the acceleration derivative
Cma , obtained from Section 7.3.4.2.

is the downwash gradient averaged over the aft panel, obtained from Section
4.4.1.

1

The remaining terms arc defined ill paragraph A of Section 7.4.1.1.

Method 2. (b'/b" < 1.5)

'J.~
I

!

I
1
i
I
I
I
1

I
.1

'''1
I

7.4.4.2-bCm.
"

All the above terms are defined in paragraph A of Section 7.4.1.1 and method 1 above .

For configurations in which the span of the forward surface is approximately equal to or less
than that of the aft surface, the vortex shed from the forward surface interacts directly with the
aft surface, and the resulting interference effects must be accounted for in the tail- or aft
surface-contribution terms. This method is to be used when the ratio of the forward-panel span
to the aft-panel span is less than 1.5. The equation for the nondimensional acceleration derivative
Cmir of a wing-body-tail configuration, based on the area and the square of the mean aero
dynamic Ghord of the total forward panel and refern;d to a moment center at the assumed
center of gravity or center of rotation, is given by

.'

r,.·.......
~' ,

~. ..'...
f. .-

~I'~..
~ .. '

~ .~.\

Because of the similarity of the two methods a sample problem for method 2 is not included.
However, evaluation of the tenn (CL a)w" (v) for a wing-body-tail configuration is presented in

Section 4.5. l. 1.

Sample Problem

Method I

Given: Same configuration as sample problems of paragraph A. Sections 7.4.1.1, 7.4.1.2, and
7.4.4.1. Some of the characteristics are repeated below,

The following ratios based on total forward-panel dimensions:

Additional Characteristics:

~. ~

'.·.

~,"
i'" •
~ (I

Q"
-,
c

= 2.26
S "k e

S'
= 0.0988

"

M =: 0.60 {3 = 0.80 ex' cg at c'j4

"
"

"
rt 7.4.4.2-2

"
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Compute:

Step I Wing-body C . (Section 7.3.4.2)
rna

(
c ')( - ')2 (S )(Q ) 2

)

_ ., .oJ
e Ce I. )' + ( \ ~ _.!!.

(Crna WB - [KW(B) + Ko(W)] s· c' \CmQ e Cma)B S' c'

(e4uation 7.3.4.2-3)

(em &)WB = -0.400 per rad (sample problem, paragraph A, Section 7.3.4.2)

'.., .'

Step 2. Lift-curve slope for the exposed horizOTltaHaii panel (Section 4.1.3.2)

(CLa)c" :: 4.0 per rad (sample problem, paragraph A, Section 7.4.1.1)

Step 3. Tail-body interference factors (Section 4.3.1.2)

K "W(B) ;; 1.315

} (sample problem, paragraph A, Section 7.4.1.1)

Step 4. Dynamic pressure ratio (Section 4.4.1)

Step 5. Downwash parameter (Section 4.4.1)

.~ . .'

..-
'>'..
.'

:."
. '

•

q"

.<t..o

d€

dO'

Solution:

= 0.901 (sample problem, paragraph A, Section 7.4.1.1)

= 0.5 13 (~mple problem, paragraph A, Section 7.4.4.1)

(s")(x -X")2( ")(a-)C - 2[K + K ]" _e_ -5.:!:__ ..9...- .--!:. c "
( mQ)WB W(B) B(W) S· c' q"" 00' ( LJe

./

(equation 7.4.4.2·a)

= -DADO - 2(1.315 + 0.550) (0.0988) CL,26)2 (0.901) (0.513) (4.0)

=:; --00400 -. 3.48

= -3.88 per rad (based on the area and the square of the mean aerodynamic chord
of the total forward panel and referred to a moment center at c' /4)

7.4.4.2-3
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U. TRANSONIC'

The I:ommcnts of paragraph B of SCl:tiOl1 7.4.4.1 :lrc directly apphcahk here.

DATCOM METHODS

It is rCl:ommcndt>d that the methods prcsl'l1h~d ill paragraph A above be applied to the transonic:

speed regime. C<tre should bl' taken to l'stimatc thl~ paratl\l~tl~rs of equations 7.4.4.2·~ and -b at
the appropriate Mach number. The interfcrCIKc "K" fadors should be obtaincd from

paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The comments of paragraph C' of Section 7 .4.4.1 aTl~ dil\'\.:tly applil:abk here.

D,(\TCOM METHODS

The methods presented in paragraph A abovl~ arc also applil:able to the supersonic spced range.

Care should be taken to estimate the parallH~tersof equati'Jlls 7.4A.2-a and '0 at the <lppropriate

Mach number. Method 3 of parJgraph C of Section 4.4.1 should be used to evaluate the last term

of equation 7.4.4.2-b.

Sample Problem

Method 1

Given: Same configuration as sample problems of paragraph C, Sections 704.1.1, 7.4.1.2, and

7.4.4.1, and paragraph A of t his section. Some of the characteri'itics are repeat ed below.

The following ratios based on total forward-panel dimensions:

.~

I
I
I

c'
'..

, ,

£"
= 2.26

Additional Characteristics:

S "
e

S'
-- 0.0988

Compute:

~.1 - 1.4 f3 = 0.98 cg at cf4

Step 1. Wing-body em' (Section 7.3.4.2)
a

'.
7.4.4.2-4

(equ;ltiull 7.3.4.2-a)

1li4 _,;;",·__• ·lIIlIrft__= +iIM · .- ·._ ·· > -..' ;.,-.....l";,,,.-....- b.A~_ _ .-:..· ,_. -A.._ ~,~......IL__L -' __~~ ----- _. --- a " .
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(Cm
.) = 1.308 per rad (sample problem, paragraph C, Section 7.3.4.2)

ex WB

~
",.-,., .. .

. ,

•.:.1

Step 2. Lift·curve slope for the exposed horizontal-tail panel (Section 4.1.3.2)

(CN eJ" ::: 4,1)25 per rad (sample problem, parllgraph C, Section 7.4.1.1)

Step 3. Tail-body interference factors (Section 4.3,1.2)

::: 1.308 - 1.619

Solution:

} (sample problem, paragroph C, Section 1.4.1.1)

1.308 - 2(1.315 -t 0.4028) (0.0988) (2.26)2 (0.80) (0.29) (4.025)

(equation 7.4.4.2-a)

-0.31 per rad (based on the area and the square of the mean aerodynamic chord
of the total forward panel and referred to a moment center at c'/4)

q"
::: 0.80 (sample problem, paragraph C, Section 7.4.1.1)

q""

of.'
= 0.29 (sample problem, paragraph C, Section 7.4.4.1)oa

Step S. Downwash parameter (Section 4.4.1)

Step 4. Dynamic pressure ratio (Section 4.4.1)"~.
l:

~
t
1-' ,
I. ,',

~ Q~r.,..
f:,
r·
I

~f.- "
~ '.
I ..
~. ..
I',

~.

Hi..
I

"·,
I,
I·
I

•
~"f1
~
i'

I ..
I
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r· fA
~
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7.4.4.3 WING-BODY -TAIL DERIVATIVE CD.
0<

This section presents a method for estimating the wing-body-tail derivative CDC, at subsonic speeds.
T!'.is derivative is the change in the drag coefficient due to a change in a. at a constant pitch rate and
is defined as

In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is
usually neglected.

A. SUBSONIC

The wing contribution to CDo can be estimated using unsteady-flow theory. The body contribution
is small and has been neglected. The tail contribution is computed from conventional downwash-l-dg
theory. The horizontal-tail lift due to a. was taken to act normal to the local flow direction at the
tail, to produce a for.:,~ component in the clirection of the free-stream.

DATCOM METHOD

, .
0,"

The wing-body-tail derivative is given by

CD.
0<

where

7.4.4.3-a

•

is the wing contribution to CD. obtained from Section 7.1.4.3.
0<

is the horizontal-tail contribution independent of angle of attack, obtained by

• where

1 SH (£H cos O:F + zH sin 0'1') aE
= 57.3 CLaH Swell ao: (lEO -iH )

7 A.4.3-b

•

,

CL is the horizontal-tail lift-curve slope (based on SH ) obtained from test data or
O<H from Section 4.1.3.2 (per degree).

is the horizontal-tail reference area.

Sw is the wing reference area.

7.4.4.3- I
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.{'! is the distance from the momen reference center to the center-of·pressure
location of the horizontal stabilizer, measured parallel to the body center line.
For Datcom purposes, the horizonta!-tail center-of-pressure location is assumed
to be at the quarter-chord point of the MAC of the total added panel.

ZH is the distance from the moment reference center tc the center-of-pressure
location of the horizontal stabilizer, measured normal to the body center line,
positive for the stabilizer above the body. For Datcom purposes, the
horizontal-tail center-of-pressure location is assumed to be at the quarter-chord
point of the MAC of the total added panel.

"

"

is the fuselage angle of attack.

where all of the terms are defined above.

1

I
I

"1'I
!

7.4.4.3-c

is the downwash gradient at c/4 of the horizontal tail, obtained from test data
or from Section 4.4.1.

is the downwash angle at c/4 of the horizontal tail at Cl:F = O.

is the horizontal-tail incidence with respect to the fuselage reference line.

is the wing MAC.

is the change in ltoi"izontal-tail contribution with angle of attack, obtained by

c

Sample Problem

Given: Same configuration as sample problem of Paragraph A \.If Section 7.1.4.3 ..
;.,

"...-

"

"

Tail Characteristics:

CL = 0.05 per deg SH := 16 ft 2

(XH

Q
H = 8ft zH 0 dE

:= 0.32aa:
EO 1° iH

:= 0

Compute:
I ..,. '.

" .'
(Equation 7.4.4.3-b)

r ..1r--
t

I' .'
iI", •

7.4.4.3-2
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(Equation 7.4.4.3-c)

== 0.000558

-- (_1_) (0,05) (16.0) [(8,0)(0.9998) + 0] (032)(2(1 0) __ OJ
57.3 . 64.0 4/2 . .

.
';

'2 •. • G.• . 5 •- 4 3 $ S.z. § ..' $ "- ..

~..., '.'

"l
".
~- '!".
~ "
I

== (_1_) (0.05) (16.0)' [(8.0)(0.9998) + OJ (0.32)[2(0.32) _ 1]
57.3 64.0 4/2

== -0.000100

Solution:

(Equation 7.4.4.3-a)

(CDat = 0.0085 per deg (Sample Problem, Paragraph A, Section 7.1.4.3)

CD. := 0,0085 ,t 0.000558 + (-0.000100) 1.0
a:

= 0.00896 per degree

B. TRANSONIC

No method is presented.

C. SUPERSONIC

No method is presented.

~ -j.", .

. "

;.. ' .ra 7.4.4,3-3
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7.4.4.4 WlNG-BODY-TAIL DERIVATIVE Cy •
~

This section presents a metho~ for estimating the contribution of the vertical tail, in the presence of
the wing and body, to the derivative Cy iJ at subsonic speeds. This derivative is the change in
side·force coefficient with variations in the rate of change of sideslip angle at a constant yaw rate
and is defined as

, where Cy is based on Sw'

In general, at low to moderate angles of attack, this derivative is small and has a negligible effect on
lateral stability; hence, it is usually neglected.-.
A. SUBSONIC

'.

A wing contribution to Cy iJ can be evaluated by using unsteady-flow theory, but at low to
moderate angles of attack it is generally considered small and is neglected. At low angles of attack
and for attached-flow conditions, the largest contributor to Cy ~ is the vertical tail. The method
herein applies a sidewash-lag theory in an analogous manner to the downwash-Iag theory that is used
in finding the horizontal·tail contribution to CLa ' The body contribution is small and has been
neglected.

For a brief discussion of the physical flow phenomena at high angles of attack, i.e., leading-edge
vortex sheets and flow separation,. and a comprehensive bibliography on related subject matter, the
reader is referred to Reference 1.

DATeOM METHOD

Design charts for predicting the change of wing sidewash angle with the change of sideslip angle are
presented as a function of wing geometry, i.e., aspect ratio, sweep, and taper ratio, at Mach numbers
0.2 and 0.8. These design charts were generated from wing loadings in sideslip by I).sing the theory
presented in References 2 and 3.

The vertical-tail contribution to the derivative Cy ~ at low to moderate angles of attack is given by

•

•

7.4.4.4-a

where

C
L

is tIle lift-curve slope of the vertical tail obtained from test data or Section 4.1.3.2.
a y

is the change of sidewash angle (due only io the wing, i.e., no sidewash due to
fuselage cross flow) with respect to the change in the sideslip angle. This factor can
be estimated by

7.4.4.4-1
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a
IJr

an = a a + -- r - (1 0 + a
.. {JOt F 57.3 lJe {JWB

7AAA-b·

<...

is the sidewash contribution due to wing dihedral, obtained from Figures
z

7.4.4.4-22a through -22d as a function of b/~ and wing geometry.

is the wing dihedral in degrees.

is the sidewash contribution due to angle of attack, obtained from Figures
Zy

7.4.4.4-6a thwugh -lip as a function of b/2 and wing geometry. Zy is the

distance between the wing c/4 point and the vertical-stabilizer center-of
pressure location, measured normal to the free-stream direction. For Datcom
purposes the vertical-tail center-of-pressure location is assumed to be at the
quarter-chord point of the MAC of the total added panel.

.,
'.. J

,
i
I

i

I

I

1

(j
, ·;1

1

7A.4.4-cZy = z cos a F - Q sin Ci~p p,'

where zp and Qp are defined below.

is the fuselage angle of attack in degrees.

0(3
ex

r

where

.... :., ..

'. -
, '

... ' .,

(', .

;'',. ,

;.. ' ,
','

......

"

I -

I

.,.' ....

o

is the sidewash contribution due to wing twist, obtained from Figures
Zv

7.4.4.4-26a through -26p as a function of -/- and wing geometry.
b 2

is the wing twist in degrees between the root and tip sections, negative for
washout (see -Figure 5.1.2.1-30b) .

is the sidewash contribution due to the body effect on the wing loading, It is
Zy

presented as a function of -/- and wing geometry, at three different body-
b 2

radius-to-wing-span ratios of 0.06, 0.12, and 0.24. In addition, the wing
position on the body has an effect on thi~ term. Hvwever, for Datcom con
siderations a low-wing position was assumed as shown in Sketch (a). For a
high-wing position as shown in Sketch (b), the sign of a

l1
in Figures

7,4.4.4-42a through -42p becomes negative. WB

*A more accurate result can be'obtained from the equation
/

I ~ ,"

I
bv

(] ~ _1_ (] c dz
IJ S IJloeal V

V
o

'. 7.4.4.4'-2

. ,

, ... ' -,.
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SKETCH (a)

high-wing position as shown in sketch (b), the sign of J{3WB in Figures 7.4.4.4-42a through -42p
becomes negative.

-'-

SKETCH (b)

"

r'
"t,
I

t· .. _..
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"

,.' ,

is the vertical-tail area, consistent with the vertical-tail area used to define
CL

"'y
, .,'

is the wing reference area. '-'j
.-~

Given: The following wing-body-tail configuration

Low wing

bw = l56.52ft

A = 0.25

Sample Problem

is the distance from the wing quarter-chord point to the center-or-pressure
location of the vertical stabilizer, measured normal to the body center line,
positive for the stabilizer above the body. For Datcom purposes, th~

vertical-tail center-of-pressure location is assumed to be at the quarter-chord
point of the MAC of the total added panel.

is the distance from the wing quarter-chord point to the center-of-pressure
location of the vertical stabilizer, measured parallel to the body center line. For
Datcom purposes, the vertical-tail center-of-pressure location is assume\! to be
at the quarter-chord pOint of the MAC of the total added panel. (See Sketch (a)
of Section 7.4.2.1.)

is the wing span.

zp

A = 7

S = 3500 ft2w

Wing Characteri<.:tics:

Vertical-Tail Characteristics:
. ,-.

::•.:

~ ..~.,.. .

~ ".', . ,
k .......

CL :: 0.055 per deg
"'y

zv
= 0.242

b/2

Additional Characteristics:

~---.-:

I' ., ••••

'.' '.

;':":::•r----,
7.4.4.4-4

£p = 60.0 ft

M = 0.8

Zp = 20.0 ft

Body Radius
--~- = 0.12

I' '•. ' ,

\ . - .'
........i, ..;.·..:t>t-e..' ...."...lc.,l..::,,'..:.,......1......0.;..........;.'......,;",,'.._~__-...'"-'-' ...::......:... ... ," _ .. "&. "'----......·1...._L----:....................... __:L. •• ·~.__~ __ ... "----.'l! ..._L& _1'.... ... ~•• ._ .•~_........__ '. ,,- _. •
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....
',"
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..~

' .. "0. Compute:

Deteruine a{3

(Equation 7A.4.4-b)

U{3 == -0.013 (Figure 7.4.4.4-6£)
Q

u{3
::::: -0.56 (Figure 4.4.4.4·-22d)

r

all == -0.0113 (Figure 7.4.4.4-26£)
e

a = 0.07 (Figure 7A.4.4-42Q)IJWB

1.-0.56 )
GIJ == (-0.013)(1)+ \ 57.3 3-(-0.0113)(-5)+(0.07)

::::: -0.013 - 0.0293 - 0.0565 + 0.07

= -0.0288

Solution:

(Equation 7.4.4.4-a)

600 [(60)(0,9998) + (20)(0.01745)1
::::: 2(0.055)(-0.0288) 3500 156.52

= -0.000209 per deg

B. TRANSONIC

No method is pr€isented.

C. SUPERSONIC

No method is prpsented.

REFERFNCES
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7.4.4.5 WING-BODY·TAIL DERIVATIVE Ct.
,a

This section presents a method for estimating the contribution of the vertical tail, in the presence of
the wing and body, to the derivative C/~ at subsonic speeds. This derivative is the change in
rolling-moment coefficient with variation in the rate of change of sideslip angle at a constant yaw
rate and is defined as

aCt

C]~ = a(~b)' where C/ is based on Sw bw '

2V

In general, at low to moderate angles of attack, this derivative is small and has a negligible effect on
lateral stability; hence, it is usually neglected.

A. SUBSONIC

The wing contribution to C/~ can be evaluated by using unsteady-flow theory, but at low to
moderate angles of. attack it is generally considered small and is neglected. At low angles of attack
and for attached-flow conditions, the largest contributor to C/~ is the vertical tail. The rolling
moment produced on the airframe by the vertical tail is due to the sidewasl: time-lag effects from
the wing. The body contribution is small and has been neglected.

For a brief discussion of the physical flow phenomena at high angles of attack, i.e., leading-edge
vortex sheets and flow separation, and a comprehensive bibliography on related subject matter, the
reader is referred to Reference I. Reference I also discusses the inadequacy of oscillating-airfoil
theory and sidewash-Iag theory for predicting the vertical-tail contribution to C]J a~ high angles of
attack. However, a modified f1ow-field-Iag theory is discusseq in Reference I that appears to give
qualitative agreement with experimental data for a current twin-jet fighter configuration.

DATCOM METHOD

The vertical-tail contribution to the derivative C/~ at low to moderate angles of attack is given by

7.4.4.5-a

where

is the vertical-tail contribution to the derivative Cy • obtained from Sertion 7.4.4.4.
fJ

is the distance from the wing quarter-chord point to the center-of-pressure location
of the vertical stabilizer, measured normal to the body center line, positive for the
stabilizer above the body. For Datcom purposes, the vertical-tail center-of-pressure
location is assumed to be the quarter-chord point of the MAC of the total added
panel.

7.4.4.5-1
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is the distance from the wing quarter-chord point to the center-of-pressure location
of the venical stabilizer, measured parallel to the body center line. For Datcom
purposes, the vertical-tail center-of-pressure location is assumed to be at the
quarter-chord point of the MAC of the total added panel. (See Sketch (a) of Section
7.4.2.1.)

is the fuselage angle of attack.

is the wing span.

Sample Problem

Given: Same configuration as sample problem of Paragraph A of Section 7.4.4.4.

Compute:

Cy • = -0.000209
{J

(Sample Problem, Paragraph A, Section 7.4.4.4)

(Equation 7.4.4.5-a)

= -0.0000253 per deg

B. TRANSONIC

No method is presented.

C. SUPERSONIC

No method is presented.

REFERENCE

1. Coe. P. L.. Jr., Graham, A. Bo, and Chambers, J. R.: Summary of Information on Low-Speed Lateral-Directional Derivatives
Due to Rate of Change of Sideslip ~. NASA TN 0,7972, 1975. (U)
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7.4.4.6 WING-BODY-TAIL DERIVATIVE Cn•
J3

This section presents a method for estimating the contribution of the vertical tail, in the pre~ence of
the wing and body, to the derivative Cn~ at subsonic speeds. This deriyative is the change in
yawing-moment coefficient with variation in the rate of change of sideslip angle at a constant yaw
rate and is defined as

aCn

• a(~~ , where Co is based on Sw bw•

For most configurations at low to moderate angles of attack, Cn~ is rather small and can be
neglected in lateral dynamic calculations. However, at high angles of attack for swept- and
delta-~ing configurations, Cnp can approach the magnitude of Cnr and consequently have large
effects on the calculated dynamic stability of these configurations.

A. SUBSONIC

The wing contribution to Cn~ can be evaluated by using unsteady-flow theory, but at low to
moderate angles of attack it is generally considered small and is neglected. At low angles of attack
and for attached-flow conditions, the largest contributor to Cn~ is the vertical tail. The yawing
moment produced en the airframe by the vertical tail is due to the sidewash time-lag effects from
the wing. The body contribution is small and has been neglected.

For a brief discussion of the physical flow phenomena at high angles of attack, i.e.. leading-edge
vortex sheets and flow separation, and a comprehensive bibliography on related subject matter, the
reader is referred to Reference 1. Reference 1 also discusses the inadequacy of oscillating-airfoil
theory and sidewash-lag theory for predicting the vertical-tail contribution to Cnp at high angles of
attack. However, a modified flov:-field-lag theory is discussed in Reference 1 that appears to give
qualitative agreement with experimental data for a current twin-jet fighter configuration.

DATCOM METHOD

The vertical-tail contribution to the derivative Cn~ at low to moderate angles of attack is given by

."...... where

= -C (Qp cos aF + zp sin (.(F)
y. b

(3 w
7.4.4.6-a

.' ........ ... '

Cy • is the vertical-tail contribution to the derivative CY ' obtained from Section 7.4.4.4.
(3 (3

is the distance from the moment reference center to the center-of-pressure location
of the vertical stabilizer, measured parallel to the body center line. (See Sketch (a) in
Section 7.4.2.1.) For Datcom purposes the vertical-tail center-of-pressure locltion is
assumed to be at the quarter-chord point of the MAC of the total added panel.

7.4.4.6-1
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(Equation 7.4.4.6-a)

(Sample Problem, Paragraph A, Section 7.4.4.4)

is the fuselage angle of attack.
""

is the wing span.

is the distalKl' from the moment reference center to the center of pressure of the
vertical stabilizer. measured normal to the body ccnta line, positive for the
stabilizer above the body. for Datcom purposes, the wrtical-tail center-of-pressure
location is a~;sumed to be a t the q L1arter-ehord point of the MAC of the total added
panel.

Cy • = -0.000209
J3

i(6J)(0.9998) + (20)(0.01 745)]=- (·-0.000209 -.----
156,52

= +0.0000805 pel dcg

B. TRANSONIC

REFERENCE

No method is presented.

No method is presented.

Sample Problem

Given: Same configuration as sample problem of Paragraph A of Section 7.4.4.4.

1. Coe, P. L., Jr., Graham, A. 8., and Chambers, J. R.: Summary of I nforrnation on Low'Speed Latllral·Dirllctionai DerivativlIs
Due to Rate of Change of Sideslip~. NASA TN D·7972, 1975. (U)

Compute:

C. SUPERSONIC

7.4.4.6-2
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8. MASS AND INERTIA

Performance, stability, control, and strength analyses of airborne vehicles depend not only on the mass of the vehicle
but on the distribution of the mass within the vehicle. This concept of mass distribution is reRected in the properly of
the vehicle called moment of inertia. This Section discusses moment of inertia determination for two types of airborne
vehicles - manned aircraft and miSSiles.

8.1 AIRCRAFT MASS AND INERTIA

The purpose of this Section is to furnish the engineer with a method for rapidly but accurately estimating the moment
of inertia of manned aircraft during the preliminary.design period. Such inertias are needed in order that dynamic load
and stability characteristics of the aircraft may be evaluated.

The following pages present basic moment·of-inertia theory, a discussion of inertia m-::thods in general with the agsump·
tions and conclusions used in evolving the Datcom melhod, and a discussion of the Datcom method in detail, with a
summary showing the step.by·step procedure to follow when using this method.

This method applies to all existing combat and transport aircraft including those of unconventional- design. If radically
different airplane t->onfigurations evolve, the present methods will have to be altered. The tools needed are a weight-and
balance statement, a three-\'iew drawing, and lome knowledge of the design characteristics of the airplane. A total time

. of approximately three hours for one man is needed to estimate inertia by this method, and the accurac\' obtained is
within the tolerance required for any preliminary-design project_

Basic Moment-of.lnertia Theory

Moment of inertia is the measure of resistance to angular acceleration, as mass is the measure of resistance to linear
acceleration. Moment of inertia may be mathematically derived as follows:

If torque is expressed as the product of force and radius
T = Fr

and the following substitutions are made:
F=ma and a=ar

'then
T = mar

or
8.1·.

where
a is the linear acceleration
a is the angular acceleration
m is the mass

The term lOr' is defined as the moment of inertia (I) and equation 8.1-a may be written

T = I. 8.1·b

If a body of mass m is caused to rotate about a remote axis y (see· sketch (a») the following relationship exists:

8.I-c

However, since mass m not· only offers resistance to rotation about the y axis but also offen resistance to rotation
about its own centroidal axis, the total inertia of m about y is

], =lOr' + ]0'

where ]" is the inertia of m about its own centroidal axis.

8.1-d

-The term unconventional as used herein refers chiefly to e:lItreme locations of the wing, fuselage, tail and power plallt
sections with respect to each other, and to tbe .jze ad mals of these sections. However, when the shape and ma,:.. dis·
tribution ...If any of the sections change consi....~ly owft preaenl ,tate of the art design. the method for computing
inertia as described herein should be altered ~amlly.

8.1·1



y AXIS·

z AXIS

.J'~-"";:-_-L--. AXIS

SKETCH <.)

If mass m is divided into several parts, mit m2, ••• M n, then the total inertia of the sum of these parts about y is

I, = mlrl
2 + 1071 + m 2r 2! + 1072 + ... mArA! + 107•

or n

I, = L. (m l r,2 + lor;)

i = 1

8.1..

Finally, if the total inertia about a remote axis is computed from equation 8.I-e, the inertia of the total masa about its
own centroidal axis can he computed from equation 8.I-d, or

8.1·{

where r is the distance from the y axis to the centroid of the total mass.

n

L mlfl

i=l
f

n

L ro,

i = I

8.I·g

Inertia Methods in General

As equation a.l·d im!icates, the inertia of a body ahout a remote axis depends on three basic factors: (1) mass, (2) the
distance of the mass from the remote axis, and (3) the inertia of the mass about its own centroidal axis. If anyone
of ~hese factors is ignored, the inertia derived will not he accurate.

A common method is to divide the airplane into many sections, so that the 10 values may be calculated easily and
accurately_ The total airplane inertia about the remote axis may then be derived by equation 8.I-e, and the total inertia
about the aircrah's centroidl11 axis by equation 8.1-f. Unfortunately, however, this method requires a detail brealdown
of the masses and centroids l)f the components of the aircraft as well as a large time expenditure. Therefore the method
does not lend itself to successful application at the preliminary design level.

Another method for computing inertia is one in which the total mass and dimensional data of the aircraft are used as
parameters in an empirical inertia equation. However, the equations have to be based on aircraft with mass distribution
similar to that of the proposed aircraft, since the mass and locations of the wing, fuselage, ·tail, and engines can vary
greatly between aircraft. This means that a large amount of statistical data hat to be available, and thi, type of method
is almost useless for aircraft of unconventional design, where there is a lack of statistical data.

8.1-2



Obviously neither of these two methods fulfills the requirements for one rapid but accurate method independent of air
plane type or conventional nature. But consideration of a few facts about inertia methods in general shows which method
is preferable in a particular sitl'ation. These facts are:

(1) When statistical data are not available-

<a) The time required to compute inertia and the accuracy of the answer are directly proportional to the
number of sections into which the airplane is divided.

(b) The number of sections into which the airplane is divided is dependent on the amount of detail informa
tion available.

(2) When statistical data are available-
•
(a) rime is inversely proportional to parametric correlation, which is the mutual relation5hip of the inertia

of the proposed aircraft to statistical data by means of parameters such as size, shape, and mass.

(b) Accuraty is dependent upon the extent to which parametric correlation is applied. This means that. if
these correlations are carried beyond the bounds of mass distribution similarity, the accuracy is affected
adversely; if carried only as far as these bounds, the accuracy is affected only slightly.

Therefore the method evolved is one that divides the airplane into the least number of sections necessary.to maintain
sufficient mass distribution similarity to permit valid parametric correlation. Thus the accuracy obtained i5 within the
tolerance required for preliminary.design studies. After careful consideration, these five major sections were chosen:

(I) Wing
(2) Fuselage
(3) Horizontal Stabilizer
(4) Vertical Stabilizer
(S) Power Plant (Engine and Nacelle)

The inertias for fuel, cargo, and other variable items may also be added, as ahown in the sample problem.

DATCOM METHOD

The method consists of determining the mass and centroids for each of the major sections and then, by equations in
volving the paramden of size, shape, maas, and centroids, calculating the I" values for each of these sections. Once
this is completed, the inertias about the remote axis may be derived by equation 8.1-e, and hence the inertias about the
airplane centroids by equation 8.1-f.

The 10 formulas are based on aircraft in a gear-up configuration with expendable and variable itema, such as fuel,
cargo, and passengers, deleted. Since it is impossible to predict the aircraft configurations for which inertia will be
needed, the inertia for the expendable and variable items comprising theee configurations must be aaded to the basic
inertia derived from the method.

• AXIS

• AXIS

c=---=c:s==-!1
PLANE OF SYMMETRY

, AXIS

• AXIS

SICETCII (bl

• AXIS

AXIS

8.1·3



Step 1. Selection of remote axe!'>· - Three remote axes are chosen so that inertia in pitch, roll, and yaw may be cal
culated. The origin of these axes should be located so that distances to the centroids of the major sections are
positive and shuuld be located on the plane of ~ymmelry of the airplane. This type of location simplifies calcu
lations and minimizes errors. An example of a remote-axis selection is shown in sketch (b). The "x" axis is
the axis along which longitudinal distances are measured; the y axis is the axis along which the lateral
distances are measured; the z axis is the axis along which vertical distances are measured.

Step 2. Mass and centruid determinations for the major sections - With the aid of a weight-and-balance statement,
the three-view dnwing, and a knowledge of the locations of the group items, the mass and corresponding
centroids for each of the five sections are determined. T••eae values are then recorded on a form similar to the
one shown in the sample prohlem.

For single-engine aircraft with the engine mounted on the aircraft plane of symmetry and with the nacelle
structure in part integral with the fusela~e, only the engine is considered as a separate section, and the nacelle
and other engine items are considered with the fuselage section. Only x and z distances are recorded
for all sections mounted on the aircraft plane of symmetry. However, for noncenterline-mounted vertical stabi·
Iizers and power-plant sections y distances are recorded in addition to x and z values, since the I"
values are calculated about the centroids of each section. For example, the power-plant sections for 8 four-engine
aircraft are analy~ed as follows:

The maMles nf both inboard power-plant !ections are added together and recorded. The lateral distance
from the aircraft plane of symmetry to the centerline of one of the inboard power plant! is recorded along
with the distances from the other two axe!. The outboard power plants are analyzed similarly, except that
the laleral distance recorded is measured from the aircraft plane of symmetry to the centerline of one of
the outboard power plant sections.

Care must be taken to use con!istent units for mass and distance throughout the entire calculation. Since most
group components are listed by pounds, this unit of wr.ight may be used for all calculations. The resulting
inertia!'> may then be converted to .units involving mass by dividing by the acceleration due to the force of
grBvily at the de!ired altitude. An example of such a conversion is included in the sample problem.

Ste~ 3. Calculations of 10 for the major sections --~ The 10 values for the major sections are determined by first
considering an "ideal" formula thai closely correlates with the shape of the section. These formulas are labeled
"ideal," since they are hased on !tound mathematical principles, a prerequisite for any school, and since they
assume a homo@"t":llcous ma8S distribution throughout the section. The result from the "ideal" formula is then
multiplied by a K factor that accounts for deviations in the homogeneous Ilature of the maIlS of the section.
These factors are ha!;ed on statistical data. It is found that for some sections a constant factor may be used.
For other sections, where the mass distribution may vary considerably, it is found that the K factor varies
primarily· with the centroid location of the section. Graphs showing the variable K factors, along with
substantiating correlatinn plots, are included as figures. The 10 calculations for each section follow:

(a) Wing Pitching 10

The wing pitching ]" formulas are listed in the summary. The formulas are based on a consider
ation of three basic wing allapes (see figure 8.1·22). A constant K factor (Ko = 0.703) is used
for all wing designs.

(b) Wing Rolling I,

Beeau&e of the large span {Jf the wing with respect to other sections of the aircraft, the wing rolling
10 calculations has the SI'eatesl effect on the rolling inertia of the aircraft. The variable K factor
(KI' shown in figure 8.1-23 is hased primarily on the lateral centroid of half the wing. A. thill
(:f'ntruid approRf'h~ the aircraft plane of symmetry, more weight must be concentrated in the inboard
sedion of the wing, thereby lowerinK its 10 value.
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(c) Win. Yawin. I.

A. is shown by Italistical data and by an analysis of the inertia. of flat plates, the wing yawing 10

i. equal to the IJUm of the wing pitching and rolling 10 ' ..

(d) Fuoel..e Pitchins I.

The fuselage pitching I, {annuls is bued on that of a combination cylindrical shell and conical shell.
The formula provides that a. the ratio of the fuselage wetted area to the theoretical wetted erea of the
lutelage as • two-way cone increases, the inertia approaches that of a cylindrical ehell. The fuselage
10 it probably the most difficult to correlate parametrically, since parameters are not available to
accurately predict the location of large mau items luch 8S landing gear, electronic equipment, etc.
However, atati.tical data .how that the longitudinal centroid location has • definite bearing on the
inertia. and therefore the variable K factor (K1 ) UJeI thi. centroid location u its buic parameter
(lee figure 8.1·24). It .hould alto be noted that the fuaelage pitching 10 h•• the greate.t effect on
the pitching inertia of the airplane.

(e) Fuoela.e Rollin. I.

The formula i. bued on that of a cylindrical thell of an average diameter determined by con.ideration
of the fuael_ge wetted area. The fuaelage diameter and the ratio of the fUMl-. Itructural ma. to the
total futelage eection mus are the parameter. by which K i. computed. AI the futelage diameter
decreuea. the 10 approaches that of a .olid cylinder••ince the IOlidity of the equipment iteJnl it
more effective. Therefore the fUlelage diameter iii directly proportional to the 10 value .inee the
rolling 10 of the .olid circular cylinder i. leal than that of • cylindrical .hell

The ratio of the fueeJ.age Itructural mass to the tot.1 fuselage.section m'" i. also directly proportional
to the 10 reeult. since u the value of the ratio deereasee, the effect of the solidity of equipment
iteme increues, which decreues the final 10 relult. The Sfaph for determining the variable K
factor (K.) ia ahown a fiJUre 8.1·25.

(I) F_..e Yawin. I.

At i. Mown by Itatiltical data and by an analy.is of the inertias of cylindrical badia, the fueelage
yawing 10 i. equal to the fusel.ge pitching 10"

(.) Tail Section I.

The tail .ection 10 determination. are limitar to thOle dilCuaed for the wing. Note that the con·
Rant K factor ueed in evaluating tail section I:. diften from the willS K. value. For horl·
IOntal or vertiul.tabiliun Ko =0.771.

(h) Power·Plant Pitchin. and /lollin. I.

The power.plant pitching and rolling formulu are bued on that of a IOlid circlll~r cylinder. TIle
pitching I. formula accounts for differences in length between the nacelle Itructure and the engine.
Both formula. includ( :'t conltant factor that may be uled for .n delign.. 1'hete formulu are Siven
in the Datcom Summary.

(i) Power·Plant Yawin. I.

Aa ia mown by ata6.6cal data and an anatyaia of the inertia of cylindrical bodiea, the power plant
yawing I. i. equal to the power plant pitchiq I•.

Step 4. Total airplane inertia - When the data dilCuued above and .imilar data for the expendable or .ariable load
itoma ha.e been ilemiaed, the total airplane inertia in pitch, roll. and yaw can be determined from equationa
8.1oe and al·f. For further ilIuttration, lee the ump1e problem.



Ten aircrah were analyzed in detail, in order to subatantiate the method and the choice of major leCliona. Theee aircraft
were cho!en for their availability of data, for the degree in which they could be analyzed in detail. and for the l.rge
no:; !'l'rti{'n d t:Utl~'1;t::" ...~i·~·j's, ..-ui,,~ ;··.-:u~c (;) f.~'Jj"; .".i.~J •• ,.·';;;jS;il ';1~Jli.i (t :'fOlu :',\t..~ t.) 1:l.5,OC:: r-ou'IL. (:;
ewept and nonswept wing designs, (3) combat, cargo, and passenger types for Air Force, Navy, and commercial UIIeI,

(4) reciprocal and jet, both multiple. and single-engine designs, (5) wing and fusel.ge engine location., (6) wing and
fuselage main-landing-gear locations, (7) fuselage and nonfusel.ge fuel location., and (8) all types of tail configurations.
including those having wing-mounted elevons instead of horizontal st.bilize....

DATCOM METHOD - SUMMAIY

1. Not.tion *
I, pitching moment of inertia about II remote axis

I: yawing moment of inertia about a remote axis

10 , pitching moment of inertia about the centroidal axis of the body

loa; rolhng momer:t OJ j"ertIJt "bout the centro~c~ 3Xi~ of the DoG}'

I.. yawing moment of inertia about the centroidal axil of the body

W. weight of wing section including wing carry-through structure

Yw lateral centroidal distance of half-wing from .ircraft plane of.ymmetry

C.> C
b

>C, wing pmmete.. meuured parallel to plane of symmetry (... flaure 8.1-22 and pap 8.1-7)

c, root chord of wing (.t t)
Ct tip chord of wing

ALa oweeph.ek .ngle of wing leading edge

w,

W"

d

s.
W.

V.I
c,

H

'.H

b.

ALa.

Wv

iv
·'v

weight of fuselage aection

weight of fu....ge olruclure

longitudinal centroidal diot.nce of fu....ge from n_

length of fuaelage

max.. di"mct"r + maL wicIthaverap maximum diameter of fuselage :;C' 2

fuselage wetted area

weight of horizontal atabililer leClion

I.teral centroldal distance of half horizontal otabilizer from aircraft p1ane of oymmetry

root chord of horlaontal otabUiaer (at t)
tip chord of horiaontal otabUlaer

apan of horlaontal atabUiaer

aweepbaek anp of horiaontaktabUlaer leadm, edp

weight !,f oertical atabUlaer

verticalcenuoldal dlotance of vertica1 otablUzer from the<ntlca1 root chord (.t fuIeIIae)
root chord of vertbI atabl1laer (at ..........

• SInce the values ...... for W In thIa IIC1lon ue thoM of ......t Instead of..... tho ooIutioft of the ....tioaIlt mo..
....raJ and .ppllc.ble to any altitude. Co!-quently, tho lnertlu throuahout tho problem uellllb-ill.2• bul He ....
..rtad .t the end of the problem 10 oIu,.ft2 by UIInI tho val... ofpavlty .1 the putIcuIar altitude.
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C'
v

tip chord of vertical sta)Jilizer

b". span of verticalstabililer (tip to fuselagel

A.... Iweepback angle of vertical .tabilizer leading edge
V

Wp weight of power plant ~tion

W, weight of engine and propeller (if applicable)

1, length of engine including propeller (if applicable)

d. average maximum diameter of engine

1, length of nacelle structure

p ratio of weight to chord for wing shapes

2. Select three remote axee and an origin location for these axis.

3. Determine mau and centroid. for an sections a!ld applicable expendable and variable load items and record on a
convenient form.

4. From the information detennined by item 3, calculate and record mass times centroid and mass times centroid squared.

S. Determine the 10 figures for the major sections .. follows:

a. Wing pitehing I, (_ figure 8.1·22 for development of equations)

if: Ww= ; (-c" + C. + c,,)

WWX = t (-C,' + Co' + C, Co + c,,')
P

I = 12 (-C,' + Co' + C,' Co + C, Co' + C,')

I" = K. [ 1- (:~)']

where:

K, = 0.703

C. it the amallest of the following values:

c, . bWtanALS • +hwtanALS
, 2 • Ct 2

Co ia the intermediate value

e, ia the largoal value

b. Wing Rolling I,

In = Wwhw'K,(C' + 30.)
24 cr+c t

where K, is obtained from fisure 8.1-23.

c. Wing Yawing I,

I • I + Ioa 0)' ox

8.1·h

8.1-i

8.I.j

8.I-k

8.1·l

8.1-m

8.1.n

8.1·7



d. Fuoe1a8" Pitching I.

I = W,S.K, (3d +~)
., 37.68 21a d

where K, ia obtained from figure 8.1·24.

e. Fuaelage Rolling I.

I = W,K, (~)'
Oil 4 ... 1. '

where K3 is obtained from figure 8.1·25.

f. Fulelage Yawing 10

g. Horizontal Stabilizer Pitching 10

Use lame equation. IS wing pitching 10

K. = 0.771

h. Horizontal Stabilizer Rolling I.
e 3e

I = WHbH'K. ( 'H + IH)
nil 24 C +c

'H tH

where K. i. obtained from figure 8.1·26.

i. Horizontal Stabililer Yawing 10

10 • = I.., + In

j. Ve"ieal Stabiliaer Rolling I.

_ W. b.,'K, [ 2e've,v ]
I.. - 18 1 + (e + e )-,

'v tv
where K. ia obtained from figure 8.1-27.

8.1,0

8.1.p

8.I.q

8.1·r

8.1-.

8.1·t

k. Ve"i.al Stabiliaer Yawing I.

UAe I.me equations a. wing pitching

K. = 0.771

Ve"ical Stabiliaer Pitching I.

I., = 1.11 + 1111

m. Power Plant Pitching I.

I. (ua8 twice the vertical alabilizer apan 88 the val..,
of b in the equatiClll8 for willi pitcbillllo)

8.1·u

I., =0.061 [: W,d.' + W.l.' + (W. - W.) 1.'J

n. Power Plant Rolling I.

I.. = 0.083 W,d.'

8.1-ll

8.1.•

8.1-w



o. Power Plant Yawins: 10

Ie. = 107 8'\·.

6. Determine the I. value for the expendable and variable load 1_ by conalderinS the conventionallnertu formula.
which closely match the shape of these loael ilema. (See wnple problem.)

7. Determine the total airplane inerti.. in pitch, roD, and yaw by ...inS oquationa 8.1... and 8.1·1. (See sample problem.)

Giv'en:

FRONT VIEW

A_.-----_....-

•
I1.-1

A·A

1---1.--;

PROFILE VIEW

y

~~~~~~.AIlICRAn
PLANE OF

SYMMETRY

PLAN VIEW
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Wing

AI.• = 12.1'

"w = 10

c, = 300 in.

c, • 100in.

Yw = ISO in.

Hor. Stab.

1\ - 12'LE
H

-

b" =400 in.

c = lOO';n.
'H

c, = so in.
H

YH = 80 in.

Vor. Slab.

1\ - 37'LEy -

bv = 200 in.
I

Cry = 2SO in.

c'v =]00 in.

IV = 75 it,.

Fuoelap

1. = 1200 in.

d = ISO in.

if = 500 in.

S, = 400,000 oq in.

W" = 8000 Ib

Powor Plant

1, = 200 in.

1, = 100 in.

d. = 50 in.

W, = 7000lb

SEcrION WEIGHT " I Y
(Ibo) (in.) lin.) (in.)

Wins 15,000 650 ISO

FuoeIap 20,000 600 200

H.Stab. 1000 USO 200

V. Slab. 300 1200 300

P. Plant 10,000 520 ISO 200

Fuol 20,000 650 ISO

Cargo 10,000 500 200

Compute:

\. Calcullto Ind tabulate the products of weight and controid location and tho products of weightlnd centroid location oqulrod.

2. Determine the III values for the major section•.

I. Wing pitching I.

_"w t.. I\LE 11000\ lan 12.1' = 107'
C,- 22m.

"w tan I\LE •
C. = c, + 2 = 100 + 107 = 207 m.

Cr = C r =300 in.

K.. = 0.703 (constant for any wing)

Ww
p C. C + C 1 (equation 8.I·h \

.5(- +. "
15,000 - 75 lb/'.s (-107 + 207 + 300\ - m.

(equation 8.1.1)

Ww"= t[ -c.' + C.' + c.c. + C.') (equation 8.1·i)

= 12.5 [-(107)' + (207)' + (300)(207\ + (300)') = 2,293,7SOIb-in.
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,
1 = -f-r-c.+ c,' + c;c, + C,C,' + C,'] (equation 8.1-;)

= 0 to; r (107)'+ (207)' + (300)' (207) + (300) (207)' + (300)'] = 413,308,750lb.in.'

I" = K, [ 1 _ (W;:l ' ] (equation 8.1·1<)

= (0.703) [413,308,750 - (2.~~~0)'J = 43,976,9711b-in.'

b. Wing ~lling I.

Yw 150
b e,+ 2A:, = 208 = 0.72
..::_-;--
6 Cr + Ct

K, = 0.67 (figure 8.1·23)

1 = W. bw'K,(e, + 30,) (equation 8.1.m)
u 24 C r + Ct

= (15,000) (~)'(0.67) (: ~ :) = 628J25,ooolb-in.'

c. Wing Yawing 10

lOll = 10 , + lOll (equation 8.1-n)

= 43,976,971 + 628,125,000 • 672,101,971 Ib-in.'

d. Fuaelage Pitching I.

I~-i l2 t 1600-5001 =0.17
~ = 600

2
K, = 0.83 (figure 8.1.24)

J., = W~7~:' (~. + ~.) (equation 8.1-0)

= (20,oooll::x'll0.83) (:: + J:) = 1,442,807,855IlHn.'

e. FuaeIage RoDing J.

(d)'" (W"l (150)1/' (8,000)
W

= =4.9
, 20,000

K, = 0.97 (filure 8.1-25)

1 W, K. ( S. )' ( • 8.1 )
Oll = -4- ...1. equation -p

= (20,0001 (0-97) (~~)'=54,600,860 Ib-in.'

f. FuaeIage YawlnS J.

J.. = J., = 1,422,807,855IlHn.·
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s. Horiaontal SlabiliJer PitchinS I.
bHtan A

C. = LE,,= (400) tan 12' = 43 In. ~
2 2
b lanA

C. =c'H +- h 2 LE~ 50 + 43 =93 in. ( (equation 8.1.1)

Co =c, = 100 in. )
H

K. = 0.771 (con.lant for any tail.urf...)
WH

p = (equation 8.1·h)
.5 (-C. + C, + C,)

= .5 ( 43 ~~ + 100) = l3.3Ib/in.

W. = i [-C.' + C,' + C,C, + Co'] (equation 8.1..)

WHx= 2.2 [-(43)' + (93)' + (100)(93) + (100)'] = 57,420Ib.in.

1= f2[-C.'+- C,' + C,'C, + C,C.' + C,'] (equation8.1.j)

=1.1 r-(43)3 + (93)' + (100)' (93) + (100) (93)' + (100)'] = 3,871,7251b.in.'

I., = K. [I _W~~] (equation 8U)

= (0.771) [3,871,725 - (5~=)'] = 443,070 Ib-in.'

h. Hori.ontal SlabililOr Rolling I.

-It 80
b" 'H + 'H\ = 400 (100 + 100) 0090
6 c, + c, J 6 100 + 50

H H

K. = 0.740 (figure 8.1·26)

_ WlI bill K~ (erH + 3CtH) •
I... - 24 c + c - (equat.on 8.1·r)

'H t H

= (JOOO) (4:)' (0.74) G~11:) = 8,222.~Ib-ID.'

i. HorilOntal Stabilizer Yawing 10

I.. = I., + I.. (equation 8.1·.)

= 443.070 + 8,222,222 = 8,665.29-2lb-in.'

j. Vortieal Slabili... Rolling I.

... = 75 =0.87

by ~c, + 2c, ~ 200 (250 + 200)....:.J y y 3 250 + 100
3 c, +c.

Y Y
K. = 0.930 (figure 8.1.27)

b 1 C e

I.. = W. 1~' K. [I + (:,}c::)' ] (equation 8.1>1)
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- (300)(200)' (0.93) [1 + 2(250) (100) J= 872 960 Ib.ID'
- 18 (250 + 1(0)' , .

k. Vertical Stabilizer Yawing I,

e. =by Ian ALE • (200) tan 31' = 150 ID. l
1 Y

e. =c. + b lanALE • 100 + 150 =250 in. (equation 8.1.l)v VI V

Ce = elV = 2SO in.

K, = 0.111 (conllant for any lail lurface)

Wy
p = .5( e. + e. + e,) (equation al.h)

300

WyX= t[ -Co' + C.' + e,e. + Co'] (equation al.i)

=0.28[ - (150)'+ (250) ,+ (250) (250) + (250) ,] = 46,200 Ib-in

1= -fr[-e: +C.' + Co'c,. + Coe.' + Co'] (equation al.j)

= 0.14[.(150)3+(250)'+(250)' (250)+(250)(250)'+(250)'] = 8,211,500Ib-in.2

2

[
(W X)]

I.. =K, 1 - ;y (equation 8.1·k)

= (0.711) (8,211,500 (~:O)21. 896,4421b-in.2'
I. Vertical Stabilizer PitchlDg I.

I., = I•• + I.. (equation8.I-u)

=812,960 + 896,442. 1,169,4021b-in.2

m. Power Plant Pitching 1.

I., = 0.061 [: W,d.' + W.l.' + (W, - W.) ll'J (equation 8.1.,,)

= 0.061 [ : (10,000)(50)' + (1000) (100)' + (10.000-1000) (200)'J

= 12,133,150 (b·ID.'

n. Power Plant Rolling I.

1.. = 0.083 W, d.2 (equation al·w)

= (0.083) (10,000) (50)' = 2,015,000 Ib-Ia.'

0. Power Plant Yawing 1.

I., = I", = 12,133,150 Ib-Ia.' (equation 8.1.,,)
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3. Determine the I. values for the expendable ODd variable loada itemo

a. Fuel I.

Eetimate fuelvolume u • rectODgular flat plate

Span =600 in. Chord =150 in. Thiclm_ =8 in.

Uling the conventional inertia formula for a rectangular paraIIeloplped

I" = ~ (e' + t') = 2Oi~ [(150)' + (8)') =37,606,6671b.in.'

1
0
,= ~ (b' + t') = 2Oi~ [(600)' + (8)') =600,106,6671b-in.'

10 ,= ~ (c' + h') = 2Oi~ [(150)' + (600)') =637,SOO,OOOIb-in.'

where Wis the fuel weight

b. Cargo I.

eCugo Diatribution

~l I
Carl" IWidth I
(i~

, i i ,
U 100 200 3lIO 400 500

Carlo Leaath IbW

~D 1@Carlo

b-
Carp 100

HelP' IIeIPt
(bW (bW 50

i i 0
0 100 200 3lIO 400 500 o 50 100 150

Carp Leaath (W Carp '''idlh (i~

·.adiealed u. _Ie ooly _
............laao, &ad ..., rellect oeIuJ dIoIribOl_
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Wriaht Dilttibutioa
(flationl rrfrr to carao)

I. Statton (iN

50

40'

Wl. 00'
in. 20'

10 •

0
0

Centroids:•

--.
100

-.-
200

T
300

I
400

.!!:.
in.

500

!lO !lO

80 80

70 70

60 60

50 Wl• 50

40
1a:" 40

30 30

20 20

10 10

0 0
0 50 100 ISO 0 50 100 150

• Slation (iiW J 51.tiOD (w

100 3SO 450

! 45 xdx + ! 2Oxdx+! 5xdx
_ 0 100 350
x= 10,000

SO 100 ISO

! 9Ozdz+! 8OZdz+! 30zdz

i = 0 50 100
10,000

50 100 ISO

! 55ydy +! 90 ydy+! 55ydy

V= 0 SO 100
10,000

Second Momenta:·

= 155.0

=60.0

= 75.0

100 350 450
Wx2 =! 45 x'dx +! 20 x'dx +! 5 x'dx = 374,583,333

o 100 350

50 100 ISO
Wz2 =! 90 z2dz +! 80 z2dz +! 30 z2dz = SO,833,333

o SO 100

SO 100 150
Wy2 =! 55 y2 dy +! 90 y2 dy + / 55 y2 dy = 72,083,333

o 50 100

I., =1, - Wf2 (equation 8.I.f)

=Wx2 - WX' + Wz2- WI2 (Subslilutingequation 8.I-c in 8.1-1)

= 374,583,333 - (10,000) (155)' + 50,833,333 - (10,000) (60)'

= 149,166,666 Ib-in.'

• The x, y, and z dislance., u ....nu the Wx2, Wz2, and Wy2 letm. in the equations for Centroids and Second
Momenl., refer only 10 Ihese calculations and are nollo be confused with the diltanceo and momenl Iotm. in
Table 8. I-A.
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I., = I, - wr' (equation 8.1.f)

= WI' - WI' + Wy' - Wy'

,; 50,833,334 - (10,000) (60)' + 72,083,333 - (10,000) (75)'

=30,666,666 Ib·in.'

I.. = I, - Wr (equation 8.1·f)

=Wyl -W):J + Wx' - Wil

= 72,083,333 - (10,000) (75)' + 374,S83,333 - (10,000) (155)'

= ISO,166,666 Ib·in.'

4. Determine the total airplane inertias in pitch, roll, and yaw. All of the valuea calculated in 1, 2, and 3 are tabulated
in Table 8.l·A and each column;' totaled.

a. Inertia about the remote axis

I, = ~ (Wr' + I,,) (equation 8.1..,)

=~ [W(I' + I') + l.,l
= (28,946,000+ 2,279,500) 10' + (1,688,SOSllO'

= 32,914,ooS X 10' Ib·in.'

I, = ~ (Wr' + I..) (equation 8.1..,)

=~ [W(y' + I') + I..]

= (400,000 + 2,279,500)10' + 0,324,670)10'

= 4,004,170 X 10'lb·in.'

I, = ~ (Wr' + I.. ) (equation 8.1..,)

= ~ tW(y' + I') + I..]

= (400,000 + 28,946,000)10' + (2,924,872)10'

= 32,270,872 X 10' \b·in.'

b. Inertia about the airplane centroid

Pitching/, = I, -Wl' (equation 8.1·f)

where? = ~:r (equation 8.1.g)

1 = I _ [~ (WI)' + ~ (WI)']
., ~W

= 3291400SX 10' _ [(46,460,000)' + (13,040,000)']
, , 76,300

=2,39S,3S2 X 10' Ib·in.'

Rolling I. = I, - Wi' (equation 8.1.f)

= I _ [~ (Wy)' + ~ (WI)']
, ~W

= 4,004,170 X 10' _ (2,000,000);~3,040,000),
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~ 1.723.153:( 10·'lb·;n.'

Yawinp: I" = It - wr1 (equation 8.1.f)

~ _ [~ (Wx)' + ~ (WY)']
I. ~W

~ 32270 872X 10' _ (46.460.000)' + (2,000,000)'
• • 76,300

~ 3.928.387 X 10' Ib·;n.'

See Table fl.l·A (or tabulated results and conversion to units of man times distanrf' squared.

TAILE 81 A. -

SECTiON WEIGHT • , y Wx X 10-' WzX 10·' WyX 10" Wx 2 X 10-' Wz2X 10-' Wy'X 10·
( Ih~) (in.) lin.) I in.) llb·in.) (lb.in.) Oh·in.) flb·in.l

) Ob·in") Ob·in!)

Win~ 15.000 650 ISO 97SO 2250 6,337,500 337.500

Fu",·laJ!l· 20.000 600 200 12.000 4000 7,200.000 800.000

H.Slab. lOUO IISO 200 l1SO 200 1.322.500 40.000

V. Slah. 3<10 1200 300 360 IJo 432.000 27.000

)', I'lant 10.000 .,20 ISO 200 5200 1500 2000 2.704.000 225.000 400.000

FlIt'l 20.000 (J!',() ISO 13.000 3000 8,450,000 450,000

(:.rj!1I HI.OOO 500 200 5000 2000 2,500,000 400.000

SlIbtnllll 7(1..100 60891~~~9(l. - 46.460 13.040 2000 28,946,000 2.279,500 400,000

PITCH ROLL YAW
SECTION I... X 10" t... X 10" I... X 10'

llb·in.') ()b·jn.') Ob-in.')

Win" 43.977 628.125 672.102

FU"I')ap:l' 1,442.808 54,601 1.442,808
H. St.b. 443 8222 ll665

\'. Siak 1769 873 896

P. Plant 12.73' 2075 12.734

Fut"l 37.601 600.107 637.500

C..fItO 149.167 30,667 150,167

Subtotal 1,688,505 1.324,670 2.924,872

TOlal r.. - Ib·in.1 2,395,352 1,723,153 3,928,397

Total I.. - slup;·ft'· 517 372 848

.For t'OftW'l'lion to alq.(I'. multiply Ib-in.t by (~) ( 1 ) ( 1ft
t

)
144 in.' 32.17 ftl* 4632.48 in..·ft/~

This OOIIvtnion factor Ilivn an inrnia nhle al ~alrvrl. Ilince Ibr value of 32.17 ft/ere' i. the standard acceleralion 0'
IlravilJ al M'a Irvrl.
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8.2 MISSILE MASS AND INERTIA

Two melho.Js of estimating missile mass ami inertia, each limited by the initial assumptions and input data, are pre
fol'llkd in this !Ot"ction. The method selected will depend on the desired accuracy related to the problem at hand.

The first method, more sophisticated than the second, requires an estimated weight and center.or·gravity breakdown of
the vehicle. Although the results are presented in the Dsteom for hand calculations, they are most expeditiously pro
gralllcdfor a small-capacity computer. The hand computations may be long and tedious, but they are not complicated.

The second method presents the procedure, based on e5timates of groslI stage weight and profile, for determining the
order of magnitude of pilch and roll moments of inertia of a vehicle.

DATCOM METHODS

Method 1

This melhucl as!'umcs that the hasio body being analyzed is symmetrical about one ~xis. as illustrated in the axis-system
lli:\gram of ~kt"kh.(al, This ltoads to the assumption that the center of gravity of the body lies on the longitudinal axis
of the vehil..'le. However, this assumption does not eliminate handling of missile components that are not symmetrical.

x- _------f-~

;.-----X----'fI' .. SKETCH fal

A St.·nmcl 8l"!'1IIUl'tion i!l thai the moment of inertia with respect to the 10 axis is equal to the moment of inertia with
rf'~I~l'l ttl the y" axis. I yaw moment of inertia = pitch moment of inertia). This assumption is reasonable for most
lIIis.~ilt' luxlif'll 1I11t1 will be in the range of accuracy desired for moment·of·inertia values of vehicles in the l'reliminary.
dC'!lip:n pha8C',

:\ third assulnl,tion is that all coml'0nents can be approximated by a linear mass distribution along the longitudinal axis
:\::- "hn""n in ll'kt'lch I h I. This. assumption forces the following limitation: 1/3 :5' 1-(' .", :5' 21/3, where'l is the length of
the c-mnponrnt and Ire is tht" ('"enter of gravity of the component measured frum the beginning station of the com·
l)unent. The )\p'rip;ht prr unit lenllth of element is denoted by w.

w r---- Uaear Mau Distribution
w.. w = fh)

w. --

'- ..L._...;,....IL......... X

1. 1,

SKETCH (b)
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A fourth assumption is that the diameters of any component can be approIimated. by • linear distribution along the
longitudinal axis a.shown in sketch (c).

-
r--- ---

,-------.t-.-..... -+---.
1---4--

I
'- I

I, i I,
SKETCH (.J

,

It will be assumed that W.' r. 1.. Ih. d. and db are gilven or can be estimated and tabulated. for each sym
metrical component of the missile, where W is the weight of a given component and i is the longitudinal station
of the center of gravity of that component with respect to the missile nose apex.

The values w. and W b are then estimated for each component from the equations

8.2.•

8.2·b

The pitch and yaw moments of inertia (I,,.' and I•.') of each solid (nonliquid) component can then be estimated. from

for unsymmetricaillOlid e~tI in pitch
(.... figure 8.2·6)

wh~e

8.2-2

I '= I '= (I' -I')(.!!!.+ mT') + (I' -I') (!.+ 2mTN + bT')
HII b· 44K b· 3 3K

+ 0,' - I,') (mN' ~K2bTN)+ 0, _ I,) b~' - Wi'

T= d,-d,
Jil 1.

b = w, - i, ( ~:- ;: )

N = d, - I,U: -~:)

K ;;;; 16 for elements symmetrical about the longitudinal aIit
1 + (~)' (use figure &2-5)

1

= "'""'n)-;--'+''-=:n""''""')'

8.2-<



for unsymmetrical solid elements in yaw
luse figure 8.2·6)

i, y. z are measured to the e.g. of the element as shown in sketch (d)

PIo' Pro' PZo are the radii of gyration of the element

y

•

.,..---1----.
,

SKETCH (d)

The corresponding roll moment of inertia of a given solid element is

In' = ~ [(1,. - 1,') mi' + (1,' - 1,') CmTN
3+ bT')

+ (1,' - 1,') mN' ~ 2bTN + (1" - 1,) bN'] 8.2·d

where

for unsymmetrical elements (use figure 8.2- 7 )

for symmetrical elements (same as K, use figure 8.2-5)16

l+(~')'
2= ...--i--____

~ + ed")'
and the other symbols are as defined for equation 8.2-e.

c

For liquid components, the pitch and yaw moments of inertia are

I,,' = In' = KL[ll'" -1,') (~ + m~') + (1,' -1,') (~ + 2mTN: bT')

+ (1,' - 1,') mN' ;22bTN + (1, - 1,) ~~' - Wi'] 8.2·e

where

KL is given by figure 8.2- 8 as a function of the fineness ratio of the elemenL

The corresponding roUrnament of inertia of a liquid element is assumed to be zero.

1../ = 0 8.2·!

8.2·3



The pitch and yaw moments of inertia of the complete vehicle are obtained by using the parallel-axis theorem to sum the
contribution of each element. Thus

, -'I" = In = ~I,( + ~WJt - (~W)X 8.2.g

where the sums are taken over the entire set of elements comprising the configuration and
tion of Ihe vehicle center of gravity. This latter term is obtained from the equation

X is the longitudinal posi-

- ~iW
X = ~W K2·h

The corresponding roll moment of inerlia (or the complete vehicle is

8.2·j

where again the sum extends over all components.

Certain common vehicle components not satisfying. the basic assumptions can be handled exactly by replacing them by
equivalent shapes that do satisfy the assumptions.

The spherical segment shell, which does not have a linear diameter variation, can be replaced by an equivalent
cylindrical shell as illustrated in figure 8.2-9. The moment of inertia of the cylindrical shell can be computed by
the derived equations.

The dimensions of an equivalent solid cylinder for a hemispherical solid are given as

d = 0.894 D

L = 0.421 D

1. = i - 0.2105 D

1, = i + 0.2105 D

where the symbols are defined in sketch (e).

1 1
0 • d

J
I-L-l

1, 1.

SKETCH (0)

Method 2

For order-of.ma[(nitude determinations, figures 8.2-10 and 8.2-11 summarize the pitch (and yaw) and roll radii of gyra·
lion. respecdvely, of a number of actual missile configurations. This information will anow a determination of these
parameters within perhapl!! ±20 percent. The momenb of inertia are then

II'r,o. = I'-r = In = p...1 ~W

I,·c'.o. = I•• =PR2~W

8.2.j

8.2-k

where ~W is the total weight of the vehicle

.P
p

and P
R

are obtained from figures 8.2·10 and 8.2·11, reapoctively.
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9. CHARACfERISTICS OF VTOL-STOL AIRCRAFT

The interest in a wide variety of aircraft having VTOL-STOL capability has created the need for
establishing pre\iminary-design methods for the prediction of the aerodynamic characteristics of
such vehicles.

The terms VTOL, STOL, and V/STOL appear many times in the literature. VTOL meat.s "vertical
take-off and landing." STOL means "short take-off and landing," and vehicles of this classification
do not have vertical take-off and landing capability . V/STOL means the capability to perform both
vertical and short take-offs and landings. The many ways of achieving VTOL-STOL capability are
exhibited in the proposed and existing vehicles of this family. There are four basic VTOL·STOL
principles involved for accomplishing the conversion from hOWling to cruise flight; namely, aircraft
tilting, thrust tilting, thrust deflection, and dual-propulsion. fhese four conversion principles are
coupled with four different propulsion methods; namely, rotor, propeller, fan, and jet, to give the
family of basic V/STOL types. In the broad sense the material presented in this section does not
include all V/STOL concepts. Specifically, the methods presented in Section 9 are applicable to
predicting the forces and moments on free propellers (Section 9.1), power"on lift and drag forces of
propeller-wing combinations (Section 9.2), and the forces and moments on isolated ducted
propellers as functions of power and angle of attack (Section 9.3). No discussion or methodology is
presented for rotor-type V/STOL aircraft. In addition to the material presented in this section,
there are additional methods pertaining to STOL aircraft given in Section 6. Specifically, these
methods pertain to jet-flap configurations; i.e., both internally-blown flaps (IBF) and externally.
blown flaps (EBF).

Because of the unusual low-speed configurations and the effects of power and high angles of attack
in the low-speed flight regime, which are typical of VTOL-STOL vehicles, conventional methods of
predicting aerodynamic characteristics at low speeds are not applicable in most cases. In cruise
flight, VTOL-STOL vehicles can usually be analyzed by conventional methods. Therefore, the
primary problem is the prediction of characteristics that exist as a result of high-velocity
slipstreams, high angles of attack, and geometry variations in the hover and transition flight regimes.

Because of the scope of VTOL-STOL aerodynamics and the scarcity of verified theoretical methods
and design charts, a literature summary is presented as Table 9-A, accompanied by a subject index
on page 9-34, a "key" to the summary table on page 9-35, and a bibliography on pages 9-3 through
9-33.

V/STOL aircraft are characterized by the following four basic and unique characteristics:

I. High power requirements in hover and transition

2. High-velocity slipstreams in hover and transition

3. Inherent deficiencies in aerodynamic stability and control in hover and low-speed flight

4. Special provisions for performing the conversion from the hovering to the cruise
configuration

The high power required in hovering and transition is not of primary conoern to the stability and
control engineer and is not considered in the Datcom. However, it should be noted that the
engine-operation problems are extremely significant in the design of a V/STOL vehicle. The high
power required in hovering and transition results in both higher fuel consumption and greater noise.
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The magnitude of these increases depends on the type of propulsion system used. Both fuel
consumption and noise level progressively increase from the rotor to the propeller, the fan, and the
jet.

The high-velocity slipstream required in hovering and transition flight introduces problems due to
surface erosion, recirculation of dust and debris, ingestion of foreign objects, and slipstream
recirculation, which can result in adverse aerodynamic effects and ingestion of hot gases into the
engine, resulting in a serious reduction in engine thrust. Only the aerodynamic effects of the
slipstream are considered in this section. Slipstream recirculation can affect the pressure on the
airframe, which can cause significant changes in the vertical lift. When a single high-velocity
slipstream exhausts in still air, suctions are generated on the surrounding surface because of the
entrainment into the high-velocity slipstream. This "suckdown" effect is a pressure reduction and
reduces the vertical lift. This lift loss is evident during hovering near the ground for a
configuration with a single vertical slipstream or a close cluster of vertical slipstreams. On the
other hand, when several vertical slipstreams are dispersed over the planform, the high-velocity
slipstreams tend to meet on the ground between the exits, and the consequent upflow can
produce positive-pressure regions between the exits to counterbalance the "suckdown" generated
by the entrainment. Unfortunately, this upward flow of air is not very steady or symmetrical
and can result in random upsetting motions. In addition, for configurations with a tail behind
the slipstreams, additional interference effects on longitudinal trim and stability can OCC\ 'f during
transition flight. (Strong downwash and sidewash fields can develop in the region aft of the exits
as a result of the rearward deflection and distortion of the slipstreams together with the
entrainment of the free-stream flow.) References pertaining to the aerodynamic effects of
high-velocity slipstreams are listed under one or more of the following specialized categories in
table 9-A:

5.5 Ground Effects

5.1 0 Jet-Wake or Propeller-Slipstream Effects

5.11 Jet-Induced Effects

An important aspect of V/STOL hovering and low-speed flight is the inherently low level of
aerodynamic stability and control. Aerodynamic control and static and dynamic stability vary
with dynamic pressure in the free stream, and they all drop off rapidly as the flight speed is
decreased. In hovering there is no aerodynamic control effectiveness (unless the control surface is
in a high-velocity slipstream), and it is usually necessary to provide an additional control system
for hovering and low-speed flight. In hovering flight the static stability is neutral (no stability of
attitude) for all V/STOL types. The dynamic stability in hover is about neutral for jet-V/STOL
types, but other types are usually dynamically unstable in the form of unstable pitching and
rolling oscillations. Almost any system that will provide control for the pilot under these
conditiom can also be used to augment stability. However, the way in which this should be
accomplished has not been clearly settled for any V/STOL type. The cost, complexity,
reliability, and maintainability of any augmentation system must be weighed against the improve
ments in. handling qualities and the potential reductions in control requirements. The problem
immediately becomes more complex, since there is still a great deal of controversy regarding
control-system requirements and handling-quality criteria. References pertaining to the
aerodynamic stability and control deficiencies, in hovering and low-speed flight may be found



under one or more of the following specialized categories in table 9-A:

5.1 General Static Stability and Control

5.2 Dynamic Stability

5.3 Handling Criteria

5.4 Handling Qualities

5.7 Stabilization

5.8 Zero or Low-Airspeed Control and/or Control Systems

Although wind-tunnel tests cover a wide variety of V/STOL configurations, they are often of
questionable accuracy because of wall interference effects and/or data-accuracy limitations at the
low tunnel velocities required to simulate low-speed flight. Large flow-deflection angles are
required for flight at very low speeds, and when these conditions are duplicated by a powered
model in a wind tunnel, the presence of the tunnel walls have a first-order effect on tunnel flow
conditions. Most existing low-speed wind tunnels are inadequate for the simulation of powered
lift low-speed flight because of their size limitations. The test section must be large compared to
model dimensions to minimize the adverse effects of the wind-tunnel walls on the flow field.
Simply testing models of smaller scale in an effort to avoid wall-interference effects often has
not proved satisfactory, because of the significant errors in test data associated with low
Reynolds number and the problems encountered in the design and manufacture of a powered
model to a small scale. There appears to be a limit, which is a function of the tunnel test-section
size and shape, model size, flow deflection angle, and model configuration, at which the
tunnel-wall constraint causes a complete flow breakdown. The effects of all these variables on
the accuracy of the wind-tunnel data are quite complex and some are not yet clearly understood.
However, one fact has become very clear, and that is that most existing wind tunnels are simply
too small for simulation of V/STOL flight.· References pertaining to wind-tunnel test techniques
are listed under category 5.12 in table 9-A.
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VTOL-STOL SUBJECT INDEX

I. Propeller·Driven Aircraft and Component Combinations

1.1 Boundary-Layer Control
1.2 Tilting Wing
1.3 Deflected Slipstream
1.4 Ducted Propeller
I .5 Tilting Propeller
1.6 Tailsitter

2. Jet-Driven Aircraft and Component Combinations

2.1 Deflected Jet (Vectored Jet)
2.2 Lift Plus Propulsion
2.3 Tailsitter
2.4 Tilting Engine
2.5 Boundary-Layer Control

3. Fan-Driven (Lifting System) t ircraft and Component Combinations

3.1 Fan in Wing
3.2 Fan in Fuselage

4. Individual Components

4.1 Free Propeller
4.2 Ducted Propeller
4.3 Plane Wing
4.4 Annular Wing
4.5 Jet Flaps or Jet-Augmented Flaps

5. Specialized Categories

5.1 General Static Stability and Control
5.2 Dynamic Stability
5.3 Handling Criteria
5.4 Handling Qualities
5.5 Ground Effects
5.6 Gyroscopic Effects
5.7 Stabilization
5.8 Zero or LOW-Airspeed Control and/or Control Systems
5.9 Propeller-Rotation-Direction Effects
5.10 Jet-Wake or Propeller-Slipstream Effects
5:I I Jet-Induced Effects
5.12 Wind-Tunnel Test Techniques
5.13 Miscellaneous Effects

6. Bibliographies and Compilations
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KEY TO VTOL-STOL SUMMARY TABLE

Column Heading Abbreviation Definition

V/STOL Concept BLC Boundary-Layer Control

OJ Deflected Jet (Vectored Jet I

OP Dueted Propeller

OSS Deflected Slipstream

FIF Fan in Fuselage

FIW Fan in Wing

FP free Propeller

HL High Lift (Flaps, SlOts, Slats)

JF Jet Flap or Jet-Augmented Flap

L+P Lift·Plus.propulsion Engine

RF Rotating Flap

S Several

TE Tilting Engine

TP Tilting Propeller

TS Tailsittsr

TW Tilting Wing

Nature of Report Material A Analytical

BIB Bibliography

0 Description

OS Design Study

E Experimental

PR Pilot Report

R Research Summary

S Sever.1

T Theoretical

Fligh.t Regime or Air Flow Ax Axial flow

C Crui_

H Ho.."

LS Low Speed

N-Ax Nonaxial Flow

S Sewre'
S. Static

T Transition

Tilt Article C Component

E Existing Aircrah (Production Aircr.ft)

M Mod.l

P Prototype

PM Prototype Mode'

S Sewrl'

Sim Simulator

Type of TIst F Flight Tilt

S Severel

Sim 5imuletor

S. Static

T Princtton Dynemlc Model Treck

WT WindTunnet
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I
'" .. ,ce ,~ "' C '"
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,., .. " '" "' C '" , , VISUAL DATA INCLUDED, "ON THE NATURE OF STAll" __I

'" .. "'
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SLIPSTREAM SHEAR ON AIRFOIL CHAR
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" 10 "
,
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9.1 FREE·PROPELLER CHARACTERISTICS

The mettodG of this Section a..~ for estimating forces and moments on propellers.
The primary purpose of this work is to provide information for analysis of direct
propeller effects during the transition flight phase of V/STOL aircraft.

Operation of a propeller in an unsymmetrical flow field results in unsymmetrical
loading on the blades as a function of their rotational position, which, in turn,
produces forces normal to the thrust axis resulting in pitching and yawing moments.
Flow field asymmetries result from either thrust-axis tilt or from flow angles induced
by the airplane lifting surfaces. The propellers on V/STOL aircraft will encounter
greater asymmetries than those of conventional aircraft because of the greater thrust
axis tilt and greater induced upvash of more effective high-lift devices.

Methods for the prediction of forces and moments on propellers inclined with respect
to the free stream are developed by DeYoung in reference 1. DeYoung has generalized
existing small-incidence theory (references 2 and 3) using a propeller solidity
based on average blade chord. Simple expressions are thus developed forprcpeller normal
(or side) force and some of the principal derivatives. DeYoung develops these
expressions by first determining approximate equations of propeller geometry and
operating parameters from the theory p~esented by Ribner in references 2 and 3, and
then establishing by statistical means the equation constants and slightly altered
functions from computed data of given blade shapes.

DeYoung also derives expressiqns for the ratio of normal force at high incidence to
normal-force derivative at zero incidence, and the ratios of thrust, torque, and
power at high incidence to the zero-incidence values.

Reference 5 presents results of a propeller test for three full-scale propellers of
different design at nine angles of incidence ranging from 0 to 85 degrees. The
operating conditions were selected to simulate the take-off, landing, and transition
regimes of V/STOL aircraft. From the data of this reference certain generalizations

. can be made regarding propeller characteristics likely to be encountered in transition
flight. It is shown that the thrust coefficients for given values of blade angle
and advance ratio are nearly constant over a large range of thrust-axis angles of
attack and that this range decreases with increasing advance ratio. Furthenrore, it
is shown that, over the same range of thrust-axis angles, the variations of propeller
normal force and pitching moment are nearly linear. Using these generalizations it
is possible to present approximate methods for the estimation of propeller forces
and moments at large angles of inclination from experimental data at small angles
of inclination for certain transition programs.

A general notation list is included in this Section for all free-propeller Sections.

The positive direction of forces and moments is shown in figure 9.1-4.

Notation List

A

B

wing,aspect ratio

blade section lift-curve slope, per rad

number of blades
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Notatlon List (contlnued)

prop"ller bla"-e chord, ft

avel"P.(le blade chord, ft

blade chord at ! •.25, .50, ••• , ft
R

noxmal-torce coetficient based on tree-streem velocity and
II

propeller disk area, 'loa Sp

II .J 2
noxmal-torce coeffic1ent, • - CII'

P n2 D" 8

thrust coeff1cient, ; 4· ~Tc
pn D

v1ng root chord, ft

propeller d1emeter, tt
Va:;

advance ratio, DD

IIlOd1t1ed advance ratio, J cos a

advance rat10 at zero thrust

advance rat10 at zero pover

propeller nomal torce, lb

propeller rotational speed, rps

tree-streem dynem1c pressure, lblsq tt

propeller rad1us, tt
max1mum tuselage radius torward lot propeller plane

rad1al .d1stance to blede element. tt.

propeller d1sk area, rJi2, sq ft

propeller thrust, lb

thrust coett1c1ent based on tree-stream veloc1ty and propeller
T 8

disk area, 'leD Sp ••~ Cor

long1tudinal coord1nate measured posit1ve forward trom v1D&
lead1ng edge, tt

lateral coord1Date ....asured pos1tlve to r1ght ot plane ot s,-try, t

lateral d1stance trom thrust axls ot one propeller blade to el_t
of another, tt



;:otat ion Li st (<:ont inued)

free-stream velocity, ftfsec

a

,
zslip

v

,.
e

Subscripts

fus

wing an~le of attack measured from zero lift, deg

inflow angle at propeller disk, deg

blade angle at .75R blade stat ion, deg

upwssh induced by propeller slipstream, positive downward, deg

~ropeller solidity, ratio of blade element area to annulus
area at .75R

effective propeller solidity (propeller solidity based on
average blade chord)

force phase angle, deg

1ifferentiation with respect to inflow angle, ain

left blade position at three-quarters radius point

right blade position at three-quarters radius point

fuselage
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!1.1.I PIWPELLER TIIRllST \'ARIATIO~ WITH ANGLI; OF ATTACK

Two methods are presented in this Section for estimating the thrust of a propeller
at high angles of incidence. The first method is that of reference 1 and provides
thrust relative to the zero-incidence value. This ratio is approximately proportional
to the square of the tangent of the angle of incidence with a constant advance ratio,
determined from the velocity normal to the propeller disk. In the theory the thrust
is represented by the phase-angle change of the resultant velocity at the blade and
takes into account both the angle-of-attack changes and the dynamic-pressure changes.
A 9O-degree incidence level is formulated from helicopter theory to provide a rela
tively small correction to the propeller theory. This thrust ratio is dependent on
blade angle and advance ratio but, except for a small dependence on solidity, is
independent of propeller geometry.

In the absence of complete data on a particular propeller, a second method is given
that can be used to approximate the thrust at large incidence angles from experi
mental data at small inc idence angles. Th is approach is formulated in reference 2,
wherein it is demonstrated that certain VTOL transition programs can lie within the
region of linear slope of the propeller forces and moments.

The methods presented herein are for an isolated propeller where the thrust-axis
angle of attack is the angle between the free-stream velocity and the propeller
thrust axis. For airplane installations this angle is often affected by flow induced
by the wing, fuselage, and other propellers; however, the results of references 3 and 4
indicate that the major effects of induced flow on propeller thrust occur under con
ditions that are not likely to be of practical interest (high forward speed at high
angles of attack).

DATCOM METHODS
Method 1

The variation of propeller thrust with angle of attack is given relative to the value
at zero angle of attack, provided equal advance ratios exist as determined from the
velocity normal to the propeller disk. This thrust ratio is given in reference 1 &8

e,. (a,J')

Cor (O,J')
N• 1 + 3( Jo.r J' )Sin(fl + 5) [tan 'efl + 5)
4 1--

Jo.r

9·1.1-a

where all pal'8ll>eters are defined in the gene~ notation Ust of Section 9.1 and
the posit1ve direction of forees and angles 1s shown in figure 9.1-11.

The procedure to he followed in eValuating e'l/l&tion 9.1.1-a is outlined in the
following steps.

9.1.1-1



Step 1. Determine the propeller effective solidity Ge by

IIhere

G
e

b' 4Bb':--a:--

b' .75 3"D
9·1.1-b

+2b' '2b' +b' )
.50 .75 .95

1 / 1b' • - b' dx', "hich may be approximated by
0.8 .2

b' • 0.16 (t b' .25 9.1.1-c

b' .25, .50, ... are obtained from the propeller blade planfonn curve
r

at -.0.25, 0.50, ...
R

Step 2. The advance ratio at zero-thrust Jaor is obtained from figure 9.1.1-7

as a function of Il. Thls functional relatlonshlp ls glven in reference 1 as

Jo,. • 2.2 tan(1l + 5) 9·1.1-d

Cor (a,J')
Step 3. Uslng equation 9.1.1-a obtain Or (O,J') wlth the ae and Jo,. values

obtained ln Steps 1 and 2. Wlth thls result values of the thrust ratin can
be COIIIPuted for a range of angles of attack and modlfied advance ratios.

Step 1>. Determ1De the propeller thrust coefficlent at selected angles of attack and
modifled advance ratios by

Cor (a,J')
n-(a,J') • ( ) Or (O,J')
-l" Cor O,J'

vbere Or(O,J') ls tbe propeller thrust coefflcient at sero angle ot attack,
but ntb tbe veloclty equal to Vell cos a. Thls parsaeter wlll 1lO~ be a
l<nown ql1&Dt1ty.

I'1gures 9.1.1-8a-g and 9.1.1-11a-d present a comparlson ot exper1lllental data tl'Olll
retereDCe 2 witb tbe Dateom method as COIIIPuted from equation 9.1.1-a.

IIortbod 2

'l'bls .tbod 1& suggested in reterence 2 tor estimating propeller thrust at b1&b angles
ot attack vben exper1lllental data at sero angle ot attack are available.
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The experimental data of reference 2 show that the thrust coefficient for given
values of blade angle and advance ratio is practically constant over a wide angle
of-attack range at low advance ratios, and that this range diminishes with increasing
advance ratio. Using these observations, it is possible to identify these ranges in
VTOL transition programs.

The boundary of this region, presented in figure 9.1.1-13, has been determined
on the basis of five-percent thrust-coefficient increases from the zero-angle-of
attack values for tvo propellers at a constant blade angle, tested in reference 2.
The region varies with blade angle. The boundary curve of figure 9.1.1-13 is
defined for a 12-degree blade angle, typical for maximum propeller efficiency in
very low-speed flight. The characteristics of the two test propellers are presented
in table 9.1.1-A.

As a simple rule of thumb, the propeller thrust at high angles of attack may be
assumed to equal the value at zero angle of attack if the modified advance ratio
falls below the boundary of figure 9.1.1-13.

A log transition program for a hypothetical airplane described in reference 3 is also
shown in figure 9.1.1-13. This program is based on the data obtained for propeller 1
of reference 2. The modified advance ratio lies well below the boundary curve. How
ever, for conditions of steep descent or rapidly decelerating transition the boundary
could be exceeded.

Sample Problem

Method 1

Given: The three-bladed propeller designated as propeller number 1 of reference 2.
The following example is based on four values of the modified advance rat io
over a thrust-axis angle-of-attack range from 0 to 850.

B = 3 D = 12 ft

r/R 0.25 0.50 0.75 0.95

b',f't 0.89 1.115 1.175 1.18

Compute:

J' 0.1 0.2 0.4 0.6

Or(O,J') 0.132 0.121 0.083 0.032

Step 1. Determine the effective propeller solidity a •
e

b' s 0.16 [tbO .25 + 2b' .50 + 2b'.75 + b' .95] (equation 9.1.1-c)

• 0.16 [t (0.89) + (2)(1.115) + (2)(1.175) + 1.18)

• 0.16 (6.87) • 1.10
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(4)(3)(1.10) ~ 0.117
(3)(12)ft

(equation 9.1.1-b)

Step 2. Determine the advance ratio at zero-thrust J..... from figure 9.1.1-7
at tl ~ 120 • _.,.

J"T ~ 0.6725

Solution:

Determine the ratio of the thrust coefficient at inclination to the thrust
coefficient at zero angle of incidence.

CT (a,J' )
CT (6,J' )

3(~t
~ 1 + JOT sin(tl + 5)[tan(tl + 5)

4(1 _ L)
JOT

+ a e (1 + Vl + a~ tan(tl + 5~1-cosa)1 tan2a

(equation 9.1.1-8)

• 1 + 6.64 J,2 I I 24 _ 5.95Jt (0.2924) 0.3057 + 0.409(1-coaa) tan a

This is calculated

c 1.0; and at

and a.
Cr(a,J')

CT(o,J' )

as a function of J 1

Note that at J' ~ 0,

_00

= 1 +

J' • JOT'

1.939J'
2 I I 2

4 _ 5.95J' 0.3057 + 0.409 (l-cosa) tan a

Cr(tr,J ' )
Using this result obtain Cr(O,J

'
)

below for seven angles of attack.
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!Cr(a, J') lOr ((j ,J ')1 -1

CD ® Q) ® a=85° 79.50 750 67.50 600 4~o 300

J' 4-5.95J' l.9llJ' 2 Q)/® 88.68@ 1&63® 8.465® 3.252® 1.531® .4255 ® .l;n;®
.05 3·7025 .0048 .00130 .1152 .0244 .0111 .0042 .0020 .00056 .00016
.10 3.405 .0194 .00570 ·505 .1062 .0482 .0185 .0087 .0024 .00069
.15 3.1075 .0436 .01404 1.245 .2619 .1190 .0456 .0215 .0060 .0017
.20 2.810 .0776 .02760 2.447 .5142 .2336 .0898 .0423 .0117 .0033
·30 2.215 .1745 .07879 6.987 1.468 .6669 .2562 .1206 .0335 .0095
.40 1.620 .3102 .1915 16.983 3·568 1.621 .6228 .2931 .0815 .0231
·50 1.025 . .4848 .4729 41.934 8.811 4.003 1.538 .7239 .2012 .0570
.60 0.430 .6980 1.6233 143·95 30.24 13.740 5.279 2.485 .6907 .1958
~325 .8192 6.1829 548.30 115.19 52.340 20.107 9.464 2.631 .7457

The calculated values of the thrust ratio are compared with the experimental
results from reference 1 in figure 9.1.1-14.

The thrust coefficient at angle of inclination and given advance ratio is then

CT(a,J')

a J';::.l J t =.2 J 1 c..4 J'=.6

0 0.132 0.121 0.083 0.032
30 0.1321 0.1214 0.0849 0.0383
45 0.1323 0.1224 0.0898 0.0541

60 0.1331 0.1261 0.1073 0.1115
67.5 0.1344 0.1319 0.1347 0.2009
75 0.1384 0.1493 0.2175 0.4717
79.5 0.1462 0.1832 0.3791 0.9997
85 0.1987 0.4171 1.4926 4.6384
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The calculated values of the thrust coefficients are compared with the experimental
results from reference 1 in figure 9.1.1-15. The results may be converted to th",st
in pounds by

-T(a,J') •
8

Cr(a,J' )
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TABLE 9.I.I-A
Reference 2

No.1 Ko. 2
Propeller Curtiss C6345-C500 Curtiss C6345-C300

Diameter 12.0 rt 10.0 rt
No. of blades 3 3
Airfoil section HACA 16 series HACA 6.. series

Blade designation 858-7C"-36 X1OOl88

Activity factor/blade 150 188

Solidity 0.12" 0.183
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'J.U PROf'''LU:R PITCHING-MOMENT VARIATION WITH POWEI{ AND
A.IIlGLE OF ATTACK

At the present there are no theoretical or semi-empirical methods available in the
literature for the prediction of propeller pitching ..,ments at high angles of attack.
The method presented herein is empirical and requires experimental data at two ..,der
ate angles of attack.

Experimental data indicate that there is an appreciable direct pitching ..,ment on the
propeller during operation at angle of attack. This pitching ..,ment II1II.)' be regarded
... being due to the fact that the center of thrust is some distance aw"" from the
center of rotation. Figures 9.1.2-3 and 9.1.2-4 show the direct propeller pitehing
..,ment expressed as an effective thrust-axis shift for the propeller and the propeller
wing cOlllbination of reference 1 and for propeller 1 of reference 2, respectively.
These data indicate an increase in propeller pitching moment with increasing angle of
attack and a ..,re pronounced shift of the effeetive thrust axis at the lower thrust
eoefficients. The data of figure 9.1.2-3 further show that the propeller pitehing
_ent was approxiJllately doubled when the propeller was operated in the presence of
the wing because of the upwash induced by the wing.

The DatCOlll method which follows is based on observations of the large body of test
data presented in reference 2.

DATCOM METHOD

This method is suggested in reference 2 for estimating propeller pitehing ..,ment
at high thrust-axis angles of attack when experimental data are available at two
angles of attack, such as zero and 15 degrees.

The experimental data of reference 2 show that the propeller pitching ..,ment for
given values of blade angle and advance ratio have nearly a constant slope over
wide angle-of-attack ranges at low advance ratio and that the width of these ranges
diminishes with increasing advance ratio.

It is not possible to define the limits of the regions of linearity of propeller
pitching ..,ments from the experimental data as was done for the propeller thrust
in Seetion 9.1.1. However, in view of the fact that the angle-of-attack ranges of
pitching-lIK)ment linearity are essentially those over which the thrust is constant,
it is assumed that, to a first approximation, the boundary, defined in figure 9.1.1-13,
also applies to pitching ..,ments. As noted in Section 9.1.1, this boundary varies
with blade angle. It is defined for a bladeiangle typical of maximum propeller
effieiency in very low-speed flight.

As a simple rule of thumb, the propeller pitehing moment at high angles of attack
II1II.)' be obtained with accuracy aceeptable for preliminary design analysis by a linear
extrapolation of experimental data at ..,derate angles of attack, provided the ..,d1fied
advance ratio falls below the boundary of figure 9.1.1-13 •
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fJ.J.:l PROPELLER :-;OR~IAL-FORCE VARIATIO:>l
WI'I1I POWER A"n A);GLE OF ATTACK

T'JO methods are prc!;ented in this Section for estimating the propeller 00:1381 t"orc~

at h1~h an~les of attack .

The first Method, developed by DeYoung in reference 1, provides the normal-force

coef~icient at hlgh anrles of attack relative to the linear relation (deN\
do Ja=a

This ratio is equal to the tangent of the angle of attack, provided equal advance
ratios, as determined from the velocity normal to the propeller disk, exist. In
theory, the normal force is considered to be proportional to the torque dif'ference
due to angle of incidence between the down-going blade an1 the up-going blade.

The essential part of Datco~ metho1 1 is the estimation of (~\a=a' This involves
determining the nonrBl-force derivative with respect to the lOC~ angle of attack,
'he local angle-of-attack gradient, and a correction for phase-angle shit~.

DeYoung, in reference 1, has obtained a simple relationship for the normal-force
derivative with respect to local angle of attack in the manner described in Section
9.1. A general expression for this derivative as a function of propeller geometry
and operating parameters is obtained from the analysis of Ribner in references 2 and 3
and the assumption of a blade section lift-curve slope of cl = 0.95(2x) per radian.a
The constants of the resulting expression are evaluated by statistical "",ans from the
computed data of the given blade shapes of reference 4.

The normal-force derivative with respect to winr. angle of attack is Given as the
product of the normal-force derivative with respect to the local propeller angle of

attack and the local angle-of-attack gradient doin, obtained in reference 1 by an
do

analysis of the upvash due to the wing, fuselage, and other propellers.

Propellers operating at high angles of attack experience appreciable angle-of-attack
variation on the blades. Lift increases and decreases in a hannon1c fashion. As the
angle of attack is increased, circulation increases, and a starting vortex is shed
which induces a downvash and changes the buildUp of circulation. This unsteady motion
causes the lift cycle to be out of phase with the angle-of-attack cycle; consequently,
the propeller forces and moments have components in both the lateral and vertical
directions. The normal force at incidence is then the product of the IIOrmal force
computed for zero phase angle and the cosine of the phase angle. In Datcom ....thod 1
the effect of this phase-angle shirt is applied to the computed linear relation

(~)~.
In the theory of reference 1 the propeller phase angle is approximated by en analogous
wing unsteady solution, assUDIing that the propeller forces and blade angle of attack
are analogous to those of a wing that is hanIonically pitchill8 lIbout its quarter-chord
line.

II.I.;~I



A second method is given which, in the absence of complete data on a particular pro
peller, can be used to approximate the no~al force at large angles of attack from
experimental data at small anp:les of attack. This approach is for::lulated in refer
ence 5, wherein it is demonstrated that certain VTOL transition programs can lie
within the region of linear slope of the propeller forces and moments.

DATeOM METHODS

Method 1

~
e variation of propeller normal force with angle of attack is given relative to

~:)a-o, provided equal advance ratios, as detenllined from the velocity nonnal to

t e propeller disk, exist. This ratio is given in reference 1 as

CN (a,J')

Cl\x (O,J')
• tan a 9·1.3-a

The positive normal-force and angle-of-attack senses are shown in figure 9.1-4, and
the reqUired parameters are defined in the general notation list of Section 9.1.

This method is essent ially one of determining the denominator values in the form
of C~ where

. cia
c.'-C' in
-''a l\xin da per rad 9.1.3-b

In computing these values the J or thrust in the relation for CJb must be taken
in

at J' and velocity at VaJ· cos a.

The derivatives C\b and ~ are related by

CBa (O,J') • ~ (J,)2 C~ (O,J') per rad 9·1.3-c

The procedure to be followed in evaluating the normal force is outlined in the
following steps.

Step 1. Determine at zero phase angle tbe propeller normal-force derivative with
respect to the local angle of attack at the propeller disk by

9.l.3-d

for single-rotation propellers, and by

9.1.3-d'
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for counter-rotating propellersj

Step 2.

where 0e is obtained as outlined in Step 1 of Datcom method 1 of

Section 9.1.1 and the thrust values are taken at J', with velocity equal
to Vcocos Q. The thrust values will normally be known.

Determine the local angle-of-attack gradient dain by
da

1 + 9(~1O/"xL .~5 + 2:.. + -X-R-.':'~5-+-2:..
dain \ c r 10 c r 10--. ....l_~_-:==- .:....___I.:.... _

da

1
1 - 

4 other
props

[
I R )2/ R ~2]d'z slip

\~L •75 \~R. 75/ dain

where the first two terms in the numerator are the average upwash at the
propeller .75R station due to the wing, and the third term in the numerator
is the average upwash at the propeller .75R station due to the fuselage.

9·1.3-f

4 + 2Tc

d. zslip • __T4c__
8 +

dain 4 + - T7 c

The summation tenn in the denominator is the average downwash in the pro
peller slipstream at the propeller .75R station. For propellers operating
near each other this downwash must be considered in predicting the local
angle-of. attack gradient. This downwash may be neglected if a fuselage
separates the propellers or if adjacent propellers are sufficiently far
apart so that ~ > 2R. The slipstream gradient is given by

ICNQ \
\ inJrc.o ./1 + 1.3 Tc

Step 3. Determine the propeller normal-force derivative with respect to wing angle
of attack at zero phase angle using the tenns obtained in Steps 1 and 2
and equation 9.1.3-b

C~ • Cw' dain
'Uin da

per rad

Step 4. Correct the CIb value obtained tor zero phase angle (Step 3) tor phase
angle shirt by

C~(lI) • C~ cos lit per rad
.

9·l.3-g
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The phase angle is determined by

where

llf • 0.825 tan-l 15 CTe
BJ2 JOp J'

9.1.3-h

( )

216 CTe

5) cos4 (fl + 5) B
9.1.3-i

and J~ is obtained as a function of fl from Figure 9.1.1-7·

Step 5. Convert the C~ results of Step 4 to C~ using equation 9.1.3-c.

C~ (O,J') • ~ (J,)2 C~ (O,J') per rad

Step 6. Determine the normal force at selected wing angles of attack and modified
advance ratios using

CN (a,J') • C~ (O,J') tan a

A comparison of normal-force derivative at zero thrust, computed using equations
9.1.3-d and 9.1.3-d', with the theory of reference 4 is presented in Table 9.1.3-A.
The percentage difference shown has been taken with respect to the values of
reference 4. The comparison includes data with two blade shapes and wide variations
of solidity, blade pitch angles, and number of blades. The percentage difference is
considered to be within the accuracy of detailed propeller theory.

The normal-force ratio given by equation 9.1.3-a is compared with experimental data
from reference 5 in figure 9.1.3-14.

Method 2

This method is suggested in reference 5 for estimating the propeller normal force at
high angles of attack when experimental data are available at two angles of attaCk,
such as zero and 15 degrees. This is an empirical method based on observations of
a large Qody of test data in reference 5. The method is analogous to the method
of Section 9.1.2 for estimating propeller pitching momen~s and provides acceptable
accuracy for preliminary-design analysis. The method merely states that ,;he propeller
normal force at high angles of attack may be obtained by linear extrapolaticr of
experimental data, provided the modified advance ratio falls below the bouno' j'y of
figure 9.1.1-13.

9.1.3-4



Method 1

Given: The hypothetical four-propeller, tilt-wing airplane of reference 6 with linear
dimensions six times those of the model. The propellers are those designated
as propeller 1 of reference 5. The following example is computed for four
values of the modified advance ratio over an angle-of-attack range from ° to
80 degrees.

-

---+- L
\....1..--1----1-
... '2•."

Propeller Characteristics

The propellers are the same as those of the sample problem of Section 9.1.1.

B • 3 D • 12 ft ere • 0.117 JOT • 0.6725

J' 0.1 0.2 0.4 0.6

ore (0, J') 33.61 7.1703 1.321 0.2267

'1'he•• Te (O,J') values have been obtained from the Or (o,J') value. given in the-.1. Pl'OtI~ ot Section 9.1.1 by

Te (O,J') •

9.1.:h~



Airplane Characteristics

cr = 10.0 ft A = 4.89 Rrus = 1.25 ft

Propeller 1 (Inboard) Propeller 2 (Outboard)

xL .75 = 5.25 ft YL .75 = 3.25 ft xL .75 = 4.50 ft YL .75 = 11.75 ft

xR .75 = 5.60 ft YR .75 = 12.25 ft xR .75 = 4.80 ft YR .75 • 20.75 ft

~L .75· 4.0 ft

~R .75 • 13.0 ft

Compute:

4.25 a
C.,. e sin (~ + 8)

ain 1 + 2 ae

Step 1. Determine the propeller no:nnal-force derivatives at zero phase angle with
respect to the local angle of attack at the propeller disk CN'

ain

(
. 3'1'c )1 + per red
8./1 + (2/3)Tc

(equation 9.1.3-d)

• (4.25)(0.117) sin (12 + 8)
1 + 2 (0.111) (

1 + 3'1'c )
8 .11 + {2/3)Tc.

!l.I.:~

TABLE I

C.' -0.138 C.' (l/red)
0.0517Tc ./1 + (2/3) Tc ain ain

J' Tc 0.0517 ® JI + (2/3) @ C>/@ 0.138 + (2)

0.1 33.61 1.74 4.84 0.3600 0.498
-

0.2 1.703 0.398 2.48 0.1600 0.298
0.4 1·321 0.0683 1.371 0.0498 0.1878
0.6 0.2267 0.0117 1.072 0.0109 0.1489



Steo..... D0-:'.~rmir.E' :hc local anrlc-of-attacl'. r~r8.J.ient doin/do.

(cquation 9.1.3-')

1

Ii
1

For this confir.uration ~,~R and the propeller downwash effect on the locaJ
an~le-of-attack gradient must be considered.

1 + 9(:lOl~L .~5 + 2- + xR .~5 + 2-\+ ~ [v:~;~2 +~:~;J]
c1ain \ or 10 C r Hi}
dlJ •

Propeller 1 (Inboard)

1 + 2(4.89)
9(4.89 + 10)

1_.!:. [(6.0\2 + (~)2]
4 4.0/ 13.0

(
1 1) 11 + 0.073 Q.625 + 0'":660 + 2 (0.148 + 0.0104)

d.
1 - 0.25 (2.25 + 0.213) zalip

c1a1n

=
1 + 0.073 C3 .115) + 0.0792

d.
1 - 0.25 (2.463) zslip

clain

1.3067
=

1 - (0.616)
d· Zslip

dain

Propeller 2 (Outboard)

1 + 0.073 (~: -!. +~ 1+ -!. \+ ~ [(I~:~}r + (~~:~~r]
10 10 10 10 J

1 - (0.616)

!I.I.;~7



1 1 1 ( 011 + 0.0036)1 + 0.073 Q.55O + 0.'580 + 2" o. 3 _

d,
( 6 ') 'slip1 - O. 10

<lain

1 + 0.073 (3.542) + 0.00745
•

1 - (0.616)

1.266

1 - (0.616)

Ic.1\.' \ • 0.138 (step 1 with TC·O)
\ in/TC·O

d.
zslip • __T-;;C_ +

<lain 8
4 +"7 Tc

(c~) /1 + 1.3 Tcin Tc.O

4 + 2 Tc
(equation 9.1.3-f)

Tc 0.138 /1 + 1·3 Tc• --8;<-- + .;..:.:""-...:...::_~"-'-.::.

4 + "7 Tc 4 + 2 Tc

TABLE II

CD ® ~ G> (j) CID
8 Tc

~
d' zs11/<lain

J' Tc
4+-T

~ ../1 + 1.3 Tc 4 + 2 Tc @+(j)7 c

0.1 33.61 42.41 0.7925 6.69 71.22 0.0130 0.8055
0.2 7.703 12.80 0.6018 3·32 19.41 0.0236 0.6254
0.4 1.321 5.51 0.2397 1.65 6.642 0.0343 0.2740
0.6 0.2267 4.259 0.0532 1.14 4.453 0.0353 0.0885

Using the

9.1.3-8

d· z 11
s p values from Table II calculate

.iain

<lain
<la for propellers 1 and 2.



TABLE III

<D ® ('\) ® (2)
-dE

{dain/da)l {dain/da)2zsl1p

J' dain 1 - (0.616) ® 1.3067/& 1.266/~

0.1 0.8055 0.5038 2.594 2.513
0.2 0.6254 0.6148 2.125 2.059
0.4 0.2740 0.8312 1.572 1.523
0.6 0.0885 0.9455 1.382 1.339

Step 3. Determine the propeller normal-force derivatives at zero phase angle
with respect to wing angle of attack CN'a

da
CN, • CN, --!!! per rad (equation 9.1.3-b)

a ain da

TABLE IV

CN, (l/rad) {CN'ah (l/rad) {CN'a)2 (l/nd)Qin

J' Col. (Q), Table I Col. @, Table III x 1m Col. ~, Table III x jg -
0.1 0.498 1.292 1.251
0.2 0.298 0.633 0.614
0.4 0.1878 0.295 0.286
0.6 0.1489 0.206 0.199

Step 4. Correct the CN, values obtained in step 3 for phase-angle shift.
Q

6 (q~2J J 1 e
op· Cor + ain (~+ 5) C084 (~+ 5) B

• 0.6725 + 16 (P·1l3N
8iD (17) C08

4 (17) \ /

• 0.6725 + 16 I; (0.00152)
(0.2924)(0.9563)

• 0.6725 + 0.0995

• 0.772

(equation 9.1.3-i)
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-15f s 0.825 tan

-1
= 0.825 tan

-1• 0.825 tan

B/2 J J' - (J')}
0p

15(0.117)

TABLE V

(equation 9.1.3-h)

(J.)2 1.544 J' 1.544 J' _ (J.)2 0.585 tan-1 @ Of (deg)
J' (D2 1.544 <D Q)-® J@ (2) (deg) 0.825 cr>
0.1 0.01 0.1544 0.1444 0.3800 1.539 57.0 47.0
0.2 0.04 0.3088 0.2688 0.5180 1.129 48.5 40.0

0.4 0.16 0.6176 0.4576 0.6760 0.865 40.9 33.7
0.6 0.36 0.9264 0.5664 0.7530 0.777 37.8 31.2

The Clf' values are corrected for phase-angle shift bya

CII" (5) = CN' cos 5f per rada a

TABLE VI

®

(equation 9.1.3-g)

(CN'ah (l!rad) (CN'a) (l!rad) I(CX'a)l cos 5f (CN'O)2 cos 5f
J' Co1.CD, Table IV Col. (!i), Table rv cos 5f ® ® O>®
0.1 1.292 1.251 0.6820 0.881 0.853
0.2 0.633 0.614 0.7660 0.485 0.470
0.4 0.295 0.286 0.8320 0.245 0.238
0.6 0.206 0.199 0.13554 0.176 0.170

Step 5. Convert the Clf'a values obtained in Step 4 to ~.

9. J..'l-IO

• 2CBa (0, J') ·8 (J') Clf' (0, J') per rad
a

(equation 9.1.3-c)



TABLE VII

®
(J,)2 48 (J.)2 cBb (0, J')l (l/rad) c~ (0, J')2 (l/r&d)

J' crJ (_/8) ~ (2) x Col. (2), Table VI (2)x Col. (2), Table VI

0.1 0.01 0.00393 0.00346 0.00335
0.2 0.04 0.0157 0.00761 0.00738

~0.16 0.0628 0.0154 0.0149

LO.6 0.36 0.1414 0.0249 0.0240

Solution:

Th~ variation of propeller normal-force coefficient with angle of attack
ae the chosen values of J' is tabulated below using

CN (a, J') ~ CRa (0, J') tan a (equation 9.1.3-a)

for both the inboard and outboard propellers.

CN (a, J')

Propeller 1 (Inboard) Propeller 2 (Outboard)

a tan a J' = 0.1 0.2 0.4 0.6 J' = 0.1 0.2 0.4 0.6

0 0 0 0 0 0 0 0 0 0
10 0.1763 0.00061 0.00134 0.00?72 0.00439 0.00059 0.00130 0.00263 0.00423
20 0.3640 0.oOV6 0.00277 0.00561 0.00906 O.OO12~' 0.0020<) 0.00542 0.00674
30 0.577 4 0.00200 0.00439 oo9סס.0 0.011'38 0.00193 0.00426 0.00860 0.0]386
40 0.8391 0.00290 0.00639 0.01292 0.02089 0.00281 0.00619 0.01250 0.02014

50 1.1918 0.00412 0.00907 0.01835 0.0?97 0.00399 0.00880 0.0178 0.0286
60 1.7321 0.00599 0.0132 0.0267 0.0431 0.00580 0.0128 0.02~8 0.01116

70 2.7475 0.00951 0.0209 0.0423 0.0684 0.00920 0.0203 0.0409 0.0659
80 5.6713 0.0196 0.0432 0.0873 0.1412 0.0190 0.0419 0.0845 0.1361

The calculated values of the normal-force coefficients for both the inboard
and outboard propellers are plotted in figure 9.1.3-15.
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TABLE 9.1.3-~

COMPARISON OF NORMAL·FORCE OERIVATIVE AT ZERO THRUST
COMPUTED BY DATCOM METHOO I WITH THEORY OF REFERENCE 4

Hamilton Standard 3155-6
r .25 .50 .75 .95R

...!?.
b'.75 0.61~ 1.0, 1.00 0.~7

(CR'a -n)Te-o

tl Datean ~
a. 0e (deg) ref. 4 Metlxld 1 DiU.

0_ .061 25 .079 .079 0

~ - .0527 25 .111 .109 -1.8

2 35 .134 .137 2.2
Blades 45 .158 .160 1.3

55 .177 .179 1.1
0_ .091 15 .112 .112 0

';, - .079 25 .155 .156 0.6

3 35 .194 .196 1.0
Blades 45 .229 .230 0.4

55 .258 .256 -0.8

c_ .121 15 .142 .144 1.4

~ - .1054 25 .198 .200 1.0

4 35 .249 .250 0.4
Blades 45 .295 .293 -0.7

55 .332 .328 -1.2

,,- .182 15 .192 .197 2.6

° .158 25 .271 .276 1.8e -
6 35 .346 .346 0

Blades 45 .413 .406 -1.7

55 .471 .452 -4.0
Counter-Rotation

o ••182 15 .250 .253 1.2
~ ••158 25 .332 .329 -0.9

6 35 .393 .392 -0.3

Blade. 45 .446 .448 0.4

55 .490 .490 0

RACA 10-3062-045
r .25 .50 .75 ·95R
b'

00:75 1.0' 1.0' 1.00 o.76~
(ct!'ain)Tc-o

tl DateClll ~
° ° (deg) ref. 4 Metbod 1 lo1ff.e

o. .083 20 .143 .139 -2.8

°e - .081 25 .162 .161 -0.6

2 35 .204 .202 -1.0
Blades 45 .235 .236 0.4

55 .260 .263 1.1
,,- .124 20 .196 .194 -1.0

0e - .122 25 .226 .225 -0.4

3 35 .284 .281 -1.0
Blades 45 .333 .330 -0·9

55 .372 .368 -1.1

, o. .165 20 .243 .244 0.4

°e - .162 25 .280 .282 0.7
4 35 .352 .353 0.3

Blades 45 .416 .414 -0.5

55 .471 .462 -1.9
II Counter-Rotation

0_ .248 15 .363 .364 0.4

fe· .244 25 .478 .473 -1.0
6 35 .567 .566 -0.2

Blades 45 .634 .642 1.3

I 55 .689 .699 1.4
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9.2 PROPELLER-WING CHARACfERISTICS

The methods of this section are for prediction of the power-on lift and dr?g forces of
propeller-wing combinations of V/STOL aircraft and deal primarily with the low-speed, high
power flight regime where wing stalling tendencies at high angles of attack are delayed by power
effects.

The usual approach to attaining V/STOL capabilities is to use power plant thrust to obtain lift at
low speeds. Propeller-<lriven V/STOL configurations, other than those employing ducted propel
lers, consist basically of three types:

I . Defl~cted slipstream

2. Tilt wing

3. Combination tilt wing-deflected slipstream

These configurations differ in detail, but each employs interacting wing and thrust systems. In
treating such configurations in the low-speed, high-power flight regime we must abandon the
familiar distinction between lifting and thrust;ng systems and combine them.

Several factors dealing with propeller slipstream flow over a wing are of special significance. The
local angles of attack of a propeller-wing combination in transition are determined by vector
addition of the free-stream and propeller slipstream velocities. The propeller slipstream is a strong
factor in reducing the local angles of attack and thereby minimizing the tendency of wing stall.
Stalls may occur even in the presence of the slipstream if the slipstream velocity is low.

Since the velocity of the slipstream relative to that of the free stream is increased by increased
disk loading, stalling tendencies are decreased by increasing the propeller disk loading. Wing stall
can be avoided entirely by immersing the entire wing in the propeller slipstream, provided
sufficient thrust is generated by the propellers.

Experimental studies have been conducted to determine the spanwise distribution of the lift
increase due to the slipstream at different angles of attack with various free-stream-to-slipstream
velocity ratios. The results of these tests, reported in reference 7, indicate that the lift increment
due to the passage of a slipstream over a wing consists of two parts:

I. A direct lift gain which can be accurately predicted by potential flow theory.

2. A lift increment due to a "destalling" or boundary-layer- control effect. This
"destalling" effect extends to portions of the wing outside the propeller slipstream and
improves the wing stalling behavior.

The results also indicate that the limits of the direct slipstream influence are sharply defined and
do not vary with wing angle of. attack and slipstream strength.
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Both references 7 and 61 indicate that the rotation of the propeller slipstream causes an upwash
over the wing behind the upward moving blade. This area will generally be the fIrst to stall on a
wing that is fully immersed in propeller slipstreams. The effect of propeller rotation on
maximum lift W!lS investigated in reference 20, wherein it is concluded that slightly larger values
of maximum lift can be generated when propellers rotate with the inboard tips moving up. This
lift increase is attributed to a reduction in tip losses resuliing from the propeller rotating in such
a manner as to oppose the wing-tip vortex and to the fact that the upwash behind the upward
moving blade is not entirely cancelled by the downflow at the wing tip.

Propeller-wing combinations in the transition region do not lend themselves to theoretical
analysis. The Datcom methods for the prediction of lift and drag forces at forward speed with
power on comprise semiempirical expressions from reference 52. These methods employ momen
tum theory as a starting point. They are based on power-off data and a correlation of
slipstream-deflection data at zero forward speed. The correlation of slipstream-<leflection data is
based on numerous static investigations of a limited number of wing-flap systems. Effects of
various parameters on the slipstream-<leflection characteristics are summarized in reference 52.

The methods are applicable only in the unstalled flight regime. Comparison of experimental
results with calculations made using the Datcom methods indicate that, in general, the estimation
procedures give reasonably good results for steady level flight and for climbing flight. Through
judicious use of the Datcom methods the lift and drag forces can be estimated for deflected
slipstream, tilt-wing, and combination tilt-wing - deflected-slipstream confIgurations. At the
present time there are no methods available for the prediction of the pitching moment of a
propeller-wing confIguration in the transition flight regime.

Numerous static and forward speed investigations have been conducted on propeller-<lriven
V/STOL configurations. However, the number of specific designs tested has been so limited that
the substantiation of any semiempirical method developed for the prediction of forces and
moments has not been possible. Furthermore, excessive wind-tunnel wall effects during simulated
low-speed, high-power flight conditions invalidate many investigations.

A comprehensive tabulation of pertinent propeller-wing experimental data is presented as table
9.2-A. This table provides a brief outline of the test data contained in each report and indicates
the basic parametric changes made. Additional reports, dealing with complete configurations, can
be found in the VTOL-STOL summary table of Section 9.

A general notation list is included in this section for all propeller-wing combination sections.
Coefficients are based on the dynamic pressure in the propeller slipstream unless otherwise
noted. The conversion from coefficients based on slipstream dynamic pressure to coefficien ts
based on free-stream dynamic pressure is presented at the end of the notation list.

The positive direction of forces and angles IS shown in figure 9.2-9.
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NOTATION

average wing chord, ft

zero-lift drag increment due to flap deflection based on free-stream velocity

power-<>ff zero-lift drag coefficient based on free-stream velocity

Drag
power-<>ff drag coefficient based on free-stream velocity, --

q.. S

average flap chord, ft

Fx
negative-<1rag coefficient based on free-stream velocity.

q.. S

Fx
negative-<1rag coefficient based on slipstream velocity,

q" S

L
power-<>ff lift coefficient based on free-stream velocity,

q.. S

lift coefficien t based on slipstream velocity, --i.-
q S

propeller diameter, ft

span efficiency. factor

resultant force, Ib

horizontal force, Ib

thrust-recovery factor

wing incidence measured between thrust axis and wing chord plnne, deg

V..
advance ratio, -

nO

number of propellers
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L lift, lb

qoo free-stream dynamic pressure, Ib/sq ft

q"

S

slipstream dynamic pressure, qoo +

wing area, sq ft

"propeller disk area, - D2 , sq ft
4

, lb/sq ft

T

T"
c '

thrust per propeller or total thrust when used in thrust-recovery factor, lb

KT
propeller thrust coefficient based on free-stream velocity and wing area,

qoo S

T
propeller thrust coefficient based on slipstream velocity and propeller disk area, - ..

q Sp

angle of attack measured between free stream and thrust axis, deg

nap denection, deg

equivalent nap denection due to wing camber and incidence, deg

slipstream turning angle measured from thrust axis, deg

slipstream turning angle adjusted to the condition of zero camber and zero incidence, deg

increment of slipstream turning angle due to wing camber and incidence, deg

Conversion between systems:

(Unprimed coefficients are based on free-stream dynamic pressure.)

C ..- F
x

- T"c

C"
L

CL
=

I-T"e

qoo = q" (1 - Te")
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STR... IGHT WII\IG WITH ONE PROPELLER IN I'USHER CONFIGUR...TION, SP"'I\INIIIIG THC UTI'" 12. II
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AERO CHAR. PRESSURE DATA AT VARIOUS GROUND HEIGHTS. WING TILT ANGLES, THRUST
COEFFICIENTS. AND PROPELLER RPM.
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, I ' I ,
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FENC£s' TUFT STUDI£S. PLOTS OF 1'YPICAL C...aROWIS£ PRESSUR£ DISTRIBUTION. SPANWI$E
seCTION NORMAl,FORCE COEFFICI£NTS. ANo CHOROWISE PRESSUR£ OISTRIBU"'"ION AT
VARIOUS SPANWIS£ STATIONS

SPLIT I " I", I ' 1 I ! 2.17 1 ,.",0 I I • I I I I I I I I 1'1 I I S£MISP.... N SEGMEI>(fED WING ON $EMIFUSELAGE IN LOW-5I'E'£D NAA TUNN£L. £FFfCT 0"':>:116716.37 I NACA I
PROPELLER SLIPSTREAM ON SPANWIS£ OISTRIBIJTION OF LIFT. DRAG, PITCHING MOMo£NTS. AND,,,,
TOT"'L WING FORCES ,10, ... 0 MDM£I>(fS, STAI.L CHAR OF WING IMMER$£D IN SLlfI'STRE...M, SURVEY
OF VELOCITY FIELD IN PROf'El.lER SI.II'STREAM. EFFECTS OF FLAPS, THRUST, ANO I'ROPELlf R
GEOMETRY, TUFT STUDies. CO,-,PUTER PROGR ...M. THEORETICAL A"-IO EXPERIMENT"'L O.. T...
OOMPAREO,

I I I I 1,2 I I I I I ...NAl.YTIC INVESTIGATIO"-l OF AERO FORCES ON WING·PROPELLER CQM8INATlON. RESULTS33 1 &I I I I
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A"-IO LANCING PERFORMANCE
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, , ,

l/11-5CALE TllTWING IN LANGLEY XlO....H 7· • Io-FT TUNNEL PROf'ELLERS OVERLAPPED)416"118.51 I N"'CA f DOU8lE " : MOVING"ELT GAOUND PLA"IE, SMOKE.FLOW STUDY, EFFECT OF GROUND, GAO~D H£IGH"T63-318 SLOTTED
WING TILT ANGLE, FLAP OEFLECTlOfoi, HOAIZO"-lTAL·TAll INCIDENCE, A"IO "OPELlEA ROTA.
TION OIRECTlON ON AEAO CHAR. EFFECT OF NOSE STR"'KES, A.S'nII"ETRIC A,.,.. A1LE'RON
OEFI.ECTIO"-l,ANO sPOILEAS.

• , L1: SLAT '-'12 _~_240 " " x ,
FULL-$PAN 1/11-8CALE TILT WING 1ol0DEL IN l ......GLEY XlO·....H 7·. 10·FTTUN"-IEL. PROPELLERS:6 I 67 1 8.28 I NACA DOU8lE ." 1.41
OVERLAPPED. IolOVINO'8ELT GROUND PLANE. EFFECT OF THRUST. GROU"-IO. G~~o HEIGHT,53-318 SlOTTED
MOVING GROUND PLANE, WING l'rlCIOENCE. AND HORIZONTAl·TAll I"ICIOENCE ON AERO CHAA

1.41 • , LESI.AT, ,., _",!JJJ°44O° " ." , x x , l/ll-5CALE TllTW1NG IN LANGLEY XlO-MPH 7.• 100FT TUNNEL. PROPELLERS OveRLAPPED36 I 116 I 8.28 I NAC'" DOuel.E " FIXEC7 GROUND 8oARD. EFFECT Of THRUST. WING INCIOE"ICE. HORIZONT...L.TAII.IN(IOe"lCE,63--318 SLOTTED oAOOP
PROf'ELLER 81....0E "'NGLE. FLAPS, Sl.ATS, NOSE DROOP. "NO GROUHOON LO,.,.e; AERO CHAR"""

us • , l.E Fl"". .... -fJ0 4 20° , LARGE-6CALE. STRAIGHT-WING MOOEL IN AMES 40- • 8O-FT TUNNEL. EFFECT OF "fHRUST.37 I 58 I lUll I "lAC'" SlOTTED
STA81l1ZER INCIOENCE, NOZZLE HEIGHT. FLAP AND AILERON JET MOMEf'iTlM, FLAPS, "'''10 LE8LOWING
fLAPS ON "'ERO CHAR. EFFECT OF DROOPED AILERON ON LATERAL OOf'iTROL

,.,,,
8LC,

DROOPED
AILERON

I "'I , I 'I , I .." 0 4 90° I I I "I I I I I I 1'1 I 1 I TllT·WING IN LANGLEY 300-MPH 7·. 100FT TUN"-IEL, I1·FT SECTION OF 7_. 100FT TUN"IEL. ANDS 18151 2.82 I "lAC'" I SINGLE
FULI.-5CALE TUNNEL. EFFECT OF TU"-INEL SllE. REYNOLDS NUIol8ER. AND FLAPS ON LONG.m SLOTTED
AERO CHAR, DATA FROM FIRST 2TUNNE\'sCORRECTEO 8'( THEORY A"ID CQMPAREOWITH O"'TA
FROM FULL-sCALE TUNNEl. TO OETERIolINE WALL EFFECTS "'NO VALIDITY OF W"'LL.
CORRECTION THEORY IGIVE"-I IN APP 11
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..II .... OVERlN'. TUFT STUDIE$. EFFECT Of FlN'-o+ORD·TO.pROf'ELLER-DIAMETER RATIO, T'lt'PE OF.......LE ld.:ml FlN', LENGTH OF FlN' CHORp, FLN' DEFLECTION. AILERON CUTOUTS. AND GROUND PROX.

",,",," ...... IMITV ON AERO CHAR•
W,rt) DOUILE .....
",,",," 1ft.".. .. ,. NACA ILIDiNG. ... ... , ••• LEBU' .." VAA1ES • • - X X , X S£MtSl"AN MODEL. EFFECTS OF PROPELLER POSITION ANO OVERLAP ON SUPSTIlEAM DEFLEC

"" ........ TION CHAR IEFFECTS OF PROf'ELLEIl VERTICAL PDalTION, CHOIlOWISE POSITION, AND OVEFl_
llLOTTI.DI IN'1. EFFECTS OF L.E SLAT, NACELLE SIZE, EXTENSION OF NACELLES THIlOUGH FU" lFLAP

SEGMENTATION), AND NUMBER OF I'ftOI'ELLERS. EFFECT OF GROUND PROXlMlTY ON PRO-
PELLER STATIC THRLIiT EFFICIENCY. ANGLE BETWEEN THIlUST AXIS AND GROUND 'LANE
VARIES WITH FLAP DEFLECTION.

" .. ,." NACA ... ~211
, ILe, LE lei 1.(12 FLIGHT AND SIMULATOR TESTS OF STOL SEAPLANE UF.X5 CO'*ARED. DEFLECTED-$LIPSTREAM"", 'WI BU' ... ., TYPE. NO PROf"ELLER OVERLN'. MOVING·SASE SIMULATOR. A1JfClolAT1C STABILIZATION EQUIf'.

NACA
=~~ ~~3t:I~~Dm~ .J:.~~t~T~:LI~~E~'l\':tEs;r'?~1J':::CRlf~RQ:~~16~...,
CHIEF OONSIDERATION... .. - - - - - - - - - - - - - EQU...TIONS ESTIMATING LIFT ANO LONG FORCE COEFFICIENTS FOR &TOL AND WINGS IN
PAOPEUER SLIPSTREAMS. COMPAIlIIOfr! WITH TEST OATA. EFFECTlI Of PROPELLER SLIP$1REAM
=~~T~~~~ ...":J~i,:-"cl:te~\t"-CHORo-TO-WING-CHORD RATIO. PAO!'ELL,ER:.. .. """"" • LEBU' X X X TII.T-WING ANO OEFI.ECTeD-SLlPSTREAM CONFIG. NO PROPELLER OVERLAP. AERO CHAIl OF
mbl~~D~VER AND TRANSITION. EFFECTS OF WING CHORD, SLATS, AND FLAPS ON POWER

.. .. ." - IL'DlNG ... .... , • LE 0000' ,." -lgO .... 'I!f 1/4-ICALE. FULL....AN MODEL OF vz.2. FULL....AN ...ILERONS. EFFECT OF FLAPS AND I.E DRooP
NACA ON LONG AERO CHAR. EFFECT OF FLAP DEFLECTION ON HOW , ...TTERN$. TUFT TEST$.
..II ... II.ERON OONTIlOL EFFECTIVENEII .

• .. .. NACA - - 2.D , , - .... -uf ..."p .. • .. X X X X X SEMISl"AN TlLT-WING MOOEL. PflOPELLERS OVERLAPPED. INVESTIGATION OF WING-PAQPELI.ER.... OOMIIINED ANO$EPAR...T£LY. NACELLE EFFECTS. PflOPELLER EFFICIENCY.•INNER CH...R.
ACTERISTICS. PITCHING-MOMENT INCIlEMENT DUE TO PflOPELLERS. APPENOIXES, III TUNNEL.,
W...LI.OORRECTIONS,I21 SLIPSTREAM CH"'"...CTE"ISTICS. (3) PERFORMANCE C...LCULATIONS

• .. .. NACA """"" .... ... , •. , VAH' .... -4f'~'" - • - X X X SEMI.AN DEFLECTeQ-SUPSTREAM MODEL. PROPELLERS OVERLAPPED. TUIlNING EFFECTIVE..... ... NEIl OF LAFlGE-CHORD SLOTTED FLAPS. FORWARD-8PEED TEST WITH INIIOAIlD PROPELLER
ONLY. EFFECtS OF VANE "'ND WING INCIDENCE ON TURNING EFFECTIVENESS. OOMP...lllllDN OF
TURNING EFFECTIVENESS AND PITCHING MOMENTS OF WING WITH PLAIN FL..APS VS SLOTTED
FLA.... EFFECT Of ",OPELLER llLADE ANGLE ON ST...TIC CONDITION... " .. NACA t=o ... .. - , LE lUI' .... • •• - X X X X 1eN....N MOOEI.. PROl"ELLEIlS OVERLAPPED. EFFECTS OF FLAP DEFLECTION GROUND.... ... ~~~',.til&~TG:~:ci1~~E --r,.oC:~D.fo?OPELLER ROTATION. EFFECT OF...TTITUDE

• .. .. NACA ILOTTB> ;:. ... , .. V_ ,... • •• - X X X X X X llEM.....N MODEL. PROPELLEAS OVERLAPPED. Ef'FEC'T5 OF GROUNDPROXlMlTY AHD PIlD-.... PELLER I"OlliITION ON TURNING EFFECTIVENESS OF WING WITH LAIlGE-GHOAD SLOTTED FLAPS.

~~'Jl'~II:g. g;r::A"=~·II~~~DT~~~"'~.:'D~r~~~~~tt.R THIlUST. WING INC~
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.n, ...
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DEVICE. SLAT POSITION VARIED. EFFECTS OF 'AOPEu.EJI LOCATION. EFFECTIOF ONE AND TWO
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PROPELLERS IN GAOUNWFFECT REGION Cl:lW'ARED. TUfT In'UDIEI D~O. 'lIlP ANOLE
BETW£EN THRUST AXIS AND GROUND 'LANE.

"CA SLIOIltG, .... 2.' - ,
~~~~tE '" , •• - x x X SEMisPAN MOOEL TURNING EFFECTlVEN9I OF A WING EOUIPPEDWITH A ILIDING fLN AND A" " 2.81

i::ID~~f~ C:=NDSl~WeJ}~c:.~I~~~ ~~~~I~~=~.." PLAIN .28

AXil ANO GROUND 'lANE.

NAC' SLIDING. .80• 2.' - 2 1 LE SLAT '" f-«'0 ... l'l.ff " .. " x x x x X SAME MODEL AS REF 41. AERO CHAR Of HVI'OTMETlCAl VIITOL MODEL. EffECTS O. LE SLAT" " • 11
AND HORIZONTAL ST.... 'lIZER. NO CORRECTIOH fOft TUNNEU¥ALl EFfECtS..." SLOTTED ..

NACA SLIDING, .. 2.' , 2. , LE SLAT 1.81 10°"00° 1.l0 a .83 x X x x x X SEMIsPAN MODEL. NO PI'lOl'ELL£A OVERlAP. SAME MODEL .... REF «I. I.ONG A.£AO CHAR Of" .. Ha
TILT.wING, O£fLECTED.... IPS'TAEAM CONflG. pROl"l!:lLER.....LONE ANO WIHG-ALONIE DATA..." FOWLER

EFFECT OF SLAT POSITION, FlN' DEFLECTION, GROUND I'AOX",rTY, AND 0CJllIIINWAIH. In
ISLDTTED)

PERFORMANC5 OF HYPOTHETICAL AIRPLANE. ,.,. ON QiAJI: OF 110fT SECTION OF LAHGUY
3lJl).WH 7· .. 1l).fT TUNNEL

- - - - - - - - - - - - WING L1FTING-8URfACE TMEORY WITM INCLINED SLINTREAMI, INCLINED AC'TUATOIl Olle58 II -
THEORY, AND FORTRAN COIoW"ln"ER PROGR...... Cl:lW'ARED WITH TEIT DATA: Sl.Il'1ITREAM
DOWNWASH ANGLE, SL!f>STREAM ROTATION ANGLE. SPAN LOAD DISTRIMJTIDN. AND DOWNWAaol
ANGU. DESIGN CHARTS fOR 2-SLIl'STfIEAM AND "-SLIPSTREAM CONFlG AT VAAlOUI'AO"fLUR
ANGLE OF ATTACK, FlAP DEFLECTION, ADVANCE RATIO, ANGl.I! OF ArrACK, AHD Tl-lAUfl'
COEFFICI5NT,

OOIJIlLE ... 2 , ,
'50 ~o .. "",

'" .. x X OEFLECTED-6L1PSfREAM WING«)OY ST~L MODEL IN LANGLEY 3QO.Mf'H 1... to.fT TUNNEL.. .. 5."2 NAC'
EfFECT OF TAIl. AREA, TAIL HEIGlofT, THRUST, .....o TAil INCIDENCE ON LONG AE"O CHA"..." $LOntD

'NIND-TUNNEL TEST ON pROPELLER..wJNG.flN' MODEL UlCO IN DEfLECTED-&l..Il'1ITREAM 8TOl.. II
AIRCRAFT. EOLIATIONS FOR EST A£RO fORCES AND COM'A"lSON WITH TEn DATA.

83 5.2" iliAC" - - .. 3 , LE SLAr. 2• l-1'''3Ao
VZ·2 T1LT-WING IN L.ANGLEY FULL·SCALE TUNNEL. EffECT OF SLAn, NOSE DAOOP, AND WII'fG" .." LE DROOP INCIDENCE ON AERO CHAA. TUFT STUDIES. STALL DIAGAAMS.

SLOTTED ... 3.' • 2 aLe 1.181 O"3IJo - 2 - x x x x x X LARGE FULL-scALE MODEL j12-FT SPAN). NO PROPeLLER OVERLAP. MOIlLE TEST RIG, EFFECTI" 83 .., "OA
OF BLOWING OVER NOSE OF REAR FLAP t3llCl. GROUN~ROXlNrTY EFFECnOVEA FIXEO .....D

•n, ...
UOVtNG GROUND. II VARIED FOR FORWARD~ED TESTS. THRUST MEASURED. POWEA RATIO
GIVEN.

ODUBLE ." 1.12 • 2 LE SLAT 1.81 X l/toSCALE TILT·WING V/$TOL IN LANGLEY FULL-scALE TUNNEL. PROPELLERS OVEIll.APPED.83 " a" "OA
fREE'FLlGHT TESTS IN HOVERING. FORWARD LEVEL FllGlofT, AND DESCENT AT VAAlQl.M83

3
·3IS SLOTTED

ANGLES OF DESCENT AND WING INCIDENCES, AS WELL AS FORCE TESTS. EFfECTS OF GROUND
PROXIMITY.

TRIPLE -.2" U , 2 LE SLAT _I '19 X LARGE«ALE OEFLEcnD·$L1PS'TREAM STOL IN AMes 4C). ......FT TUNNEL NO 'AOf'ElLEA.. II (_16.11 N.CA

OVERlAP. J WING SPAN$. EFFECTS ON LONG AERO CHAJI: Of WING 'AN, FLN' DEFLECTION,tbl6.62 ~'''16 SLOTTED bl1.22

SLATS, PROPELLER ROTATION DIRECTION, AND SPANWISE VARIATION OF PAOPELLEAt THRUST.IclS,08 cl 1.27
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TAIU 9.2-A fCONTDI
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70 I 63 I 10.08
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TAatf '.2"'" ICONrOI
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9.2.\ PROPELLER-WING-FLAP LIFT VARIATION
WITH POWER AND ANGLE OF ATTACK

The methods for calculating power-on lift and drag forces of tilt-wing and deflected
slipstream configurations are those developed by Kuhn in reference 1. The methods
tl~at the flow system of a propeller-wing-flap configuration as two separate mass
flows, each deflected through a different angle by the wing. The two maas flows are
(1) the .nass flow deflected downward by the wing through small to moderate angles and
(2) the mass flow in slipstreams created by the action of the propellers and deflected
downward through large angles by either tilting the thrust axis or deflecting the
flaps. These flow sy.tems are illustrated in sketch (a).

1

SKETCH (a)

The forces generated in deflection of these mass flows are the famiii~r lift, induced
drag, and profile drag of a wing in a free stream; the propeller thrust whieh acceler
ates the propeller slipstream; and a force which accounts for deflection of the
propeller slipstream by the wing. Kuhn has analyzed the forces arising from the
deflection of each mass flow separately and combined them to arrive at a semiempirical
method based on simple momentum theory to estimate the lift and drag forces of pro
peller-wing-flap configurations. The method uses static slipstream deflection data
and power-Off wtng-flap data as the basis for the calculations.

Kuhn develops expressions for both the lift and drag forces in cruising and high-speed
flight by neglecting the forces due to the propeller slipstream and treating the
deflection of the mass flow affected by the wing within the assumption of simple
momentum thoery. Using this assumption at very low cruising speeds requires that
the stream tube be deflected through large angles with a minimum loss in order· to
produce enough lift to support the airplane. Although the validity of extrapolation
of simple momentum theory to large angles appears to be a rather grosa assumption,
the theory gives reasonable results as long as stall can be avoided.

At zero forward speed, only the propeller slipstreams are available to produce thrust
and lift. At this end of the speed range Kuhn develops expressions fo~ the lift and
drag forces from available static experimental data on the effectiveness of wing-flap
systems in defleCting propeller slipstreams. These expressions are presented in terms
of propeller thrust, slipstream characteristics, and the turning effectiveness para
meters e and ~. The slipstream characteristics are obtained using simple momentum

theory as applied to propellers.
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At transition speeds both flow regions ar~ considered. The resulting expressions
aprroach the power-off wing expressions as velocity is increased and thrust. reduced
to zero, and approach the zero-forward-speed expressions as the speed 1s reduced to
zero. The me~hod thus provides a logical means of interpolating between these end
points.

In treating the flow in the two systems, the fact that the propeller slipstreams
occupy space within the large wing stream tube is compensated for by assuming the
propeller slipstream to be fully contracted at the wing and that the contraction does
not alter the diameter of the stream tube affected by the wing.

To determine the velocity increments necessary to calculate momentum changes, Kuhn
assumes that the propeller slipstreams are deflected through the turning angle e
obtained at zero forward speed, that the stream tube affected by the wing is deflected
through the downwash angle • obtained under power-off conditions, and that both e
and E remain constant with changes in speed and power.

In order to apply the Datcom methods, it is necessary to have experimental results
for or to be able to estimate power-off lift and drag-force characteristics of the
wing, as well as slipstream deflection characteristics of the propeller-wing-flap
configuration at zero forward speed. The slipstream deflection characteristics for
a given propeller-wing-flap configuration require experimental static-thrust dat~

which will more than likely not be available during the preliminary design phase.
Therefore design charts, taken from reference 1, for the slipstream deflection
characteristics are provided.

The method presented in this Section is for estimation of the lift of propeller-wing
flap configurations at combined forward speed and power-on conditions. The method
is applicable only in the unstalled region of flight.

DATCOM METHOD

The lift of a propeller-wing-flap configuration at combined forward speed and power-on
conditions is given in reference 1 as

where all the parameters are defined in the general notation list of Section 9.2. The
coefficients, except for etc, are based on. the dynamic pressure in the propeller slip
stream, and the positive direction of forces and angles is shown in Figure 9.2-6.

The first term of equation 9.2.1-a represents the power-off lift contribution. The
last term represents both the direct propeller thrust contribut ion and the lift
augmentation of the wing due to the propeller slipstream. The significance of these
terms is illustrated in sketch (b).

9.2.1-2



Direct thrust contribution
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Power-off lift
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~--- Lift augmentation
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..... ....
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1.0

SKETCH (bl

all 1 - T"l",

The procedure to be followed in evaluating equation 9.2.l-a is outlined 10 the
following steps.

Step 1. Detenn1ne the slipstream turning angle e by

9.2.1-b

where

18 the slipstream turning angle under conditions of zero
incidence and zero camber

10 the slipstream turning-angle increment due to wing camber
and incidence between the wing-chord plane and the thrust
axis

18 obtained by

ee • - I;
f I; 9·2.1-c

where ~ is obtained from figure 9.2.l-l8a as a function of the ratio of

the total extended flap chord to the propeller diameter c f , and I; 18
the total flap deflection. For a multiple-flapped conf1~at1on the total
flap deflection is the sum of the flap deflection of each individual flap.

M is obtained by

9.2.1-<1.

where ~ is obtained from Figure 9.2.l-l8a as a funct10n of the ratio
c

of the wing chord to the propeller diameter D' and t>e 1& an equivalent
flap deflection angle defined as the angle between the thrust ax1& and the
mean camber line at the wing tralling edge (see sketch (c».
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Thrust axis

Mean t'amlx'r line

SKETCH (cl

In using this procedure to determine the slipstream turr.lng angle, it is
necessary that the value be obtained over the linear part of the curve of
variation of turning angle with flap deflection.

con-

the
a given flap

the range of

flap configuration,
amax with the ratio

is given as figureOf the total flap chord to the propeller diameter

In order to define the region of linearity for a given
a curve of the variation of the maximum turning angle

cf
D

comparisoh of Figures 9.2.1-186 an1 9.2.1-1Bb indicates that
is dependent only on the total flap chord; whereas the maximum

is dependent upon both the total flap chord and the type of
a

nap. The slope '5 will become nonlinear as Smax for
figuration is approached. For the purpose of the Datcom
linear variation of a with 6 is defined as

9.2 .1-18b. A
athe slope J;

turning angle

a f
amax

Step 2. Detennine the thrust-recovery factor ~ from figure 9.2.1-19 as a function

of the turning angle a (obtained 1n Step 1), the f-lap configuration, and
the propeller arrangement.

Step 3. Detennine the power-off lift coefficient Cr..:,.

A wing which is stalled i~ the power-off condition would frequently be
unstalled at some moderate to high propeller thrust coefficient. In order
to estimate the power-on data in this region, it is necessary to use the
lift values that would exist if the wing were unstalled in the power-off
condition. Where possible, experimental power-off data should be used and
extrapolated for this purpose. Under these conditions the power-off lift
coe~~icient can be estimated by

CL
O

= Cluo 57.3 sin (a - ao) 9.2.l-e

where Clac is the extrapolated power-off 11ft-curve slope of the wing-flap

configuration, per degree, and a o is the extrapolated power-off zero-lift
angle of attack.
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If power·off data for the given configuration are not available or if the
power-off data do not exhibit any region of unstalled flow, the following
procedure can be used:

(a) Determine the unflapped wing zero-lift angle of attack from
Section 4.1.3.1.

(b) Determine the wing-flap incremental lift from Section 6.1.4.1.

(c) Determine the power-off lift-curve slope of the flapped wing
from Section 6.1.4.2.

(d) Using the parameters determined in (a), (b), and (c) construct
the power-off lift curve of the flapped wing to obtain 00'

(e) The power-off lift coefficient of the flapped wing at angle of
attack is then obtained u.ing equation 9.2.l-e.

Step 4. The propeller thrust coefficient Tc" will usually be specified; however,
if necessary this parameter can be estimated using the method of Section

9 1 1 (N t th t T T s... d T " TC9 .1.1)
. •• 0 e a c9.2.1 c c9.1.1 =t, an c C T + K'

c9.1.l

Step 5. The lift coefficient is then obtained from equation 9.2.1-a.

The sample problems illustrate the use of the Datcom method in eatimating the lift
coefficients of both deflected-slipstream and tilt-wing configurations.

Comparison of experimental data, in the unstalled flight regime, with calculations
made using the Datcom method is presented fOr deflected-slipstream and tilt-wing
configurations in Table 9.2.l-A.

1. Deflected-Slipstream Configuration

Given: A propeller-wing-flap deflected-slipstream configuration of reference 2.
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Fowler flap

Wing Characteristics

S = 10.96 sq ft A = 7.66 NACA 4415 airfoil section

ill = 00 c • 1.2 ft (flap retracted) c = 1.68 rt (Fowler flap extended)

Flap ,Characteristics

:! = 0.286 (flap extended)
c

Propeller Characteristics

K = 4 (2 propellers per semispan, no overlap) D = 2.0 ft

Sp = 3.14 sq ft

Additional Characteristics

Compute:

Step 1. Determine tbe slipstream turning angle e.

= (0.286) (~:~)

= 0.24

e ( 8a Cf 4)5 = 0.50 figure 9.2.1-1 at 11 • 0.2

af = ~ 8 = (0.50)(50) (equation 9.2.1-c)
8

= 250

Assuming tbe wing to be a large-chord flap

£. = 2d = 0.60
D 2.0

~ = 0.803 (figure 9.2.1-18& at ~ • 0.6)

e
~ =5 8e = (0.803)(7.4) (equation 9.2.1-d)

= 5.94

e = 9f + ~ • 25 + 5.94 (equation 9.2.1-b)

9.2.1-6



e
D0~erTlin~ if tr.e 5 value for this wing-flap configuration 1s in the linear range.

O Cf 4)9max = 26.5 (figure 9.2.1-1Bb at 1) = 0.2

~ = A = 0.943 which is within the range of the linear variation
9max 20.5 of e with 6 as defined by the Datcom.

Step 2.
F

Determine the thrust-recovery T'

~ • 0.96 (figure 9.2.1-19)
T

Step 3. Determine the power-off lift coefficient CLc'
The experimental power-off lift curve is extrapolated to obtain

a.,del

The lift curve that would exist if the
wing were unstalled in the power-off
condition is estimated by

Cto =Cleo 57.3 sin (a - aa) (equation 9.2.1-e)

aa = _200

CIao =. 0.145 per deg

a (a - aa) sin (a - aa) Cr..,
deg deg

-20 0 0 0
-10 10 0.1736 1.442

0 20 0.3420 2.842
10 30 0.5000 4.154
20 40 0.6428 5.34120o

Ref 2
win. alone.

--I'-----lplopellers off

0FOWler :: SOO

-20

Estimated unstalled
lift curve

-+-+--
Experimental
lift curve

0+-..1--1&--1-...-1-......_...,
-40

--I
3.0

2.0

1.0

Solution:

(4)(3.14) I 1/21• CLo (1 - 0.9) + (0.96)(0.9) (10.96) sin (9 + a) 1 + 1.6(1 - 0.9)

• 0.10 CLo + 1.491 sin (9 + a)
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®
a CL (e + a) sin (e + a) 0.10 ~ 1. 491 ® eLI!

deg 0 deg sin Q) 0.10 (2)+@

-20 0 10.94 0.1898 0 0.2830 0.2830
-10 1.442 20.94 0.3514 0.1442 0.5329 0.6111

0 2.842 30.94 0·5141 0.2842 0.1665 1.0501
10 4.154 40.94 0.6553 0.4154 0.9111 1.3925
20 5.341 50.94 0.1164 0.5341 1.1516 1.6911

These results are compared with experimental data in table 9.2.1-A.

2. Deflected-Slipstream Configuration

Given: A prope11er-wing-f1ap deflected-slipstream configuration of reference 2.

Wing Characteristics

S c 10.96 sq ft RACA 4415 airfoil section

iW • 0 c • 1.2 ft (flaps retracted)

c • 1.68 ft (sliding flap and Fowler flap extended)

Flap Characteristics

Combination sliding and Fowler flap

cf
- • 0.566 (sliding flap and Fowler flap extended; effective chord of sliding
c flap measured to flap knee)

9.2.1~

~sliding •

'7ow1er •

30
0 I

300 ~ ·~sliding + ~ow1er • 60
0



Propeller Characteristics

K ~ 4 (2 propellers per semispan, no overlap) D. 2.0 ft

Sp ~ 3.14 sq ft

Additional Characteristics

T ..
c s

Compute:

0.90

which is within the range of linear variation "Of e with
o as defined by the Datcom.

Step 1. Determine the slipstream turning angle 9.

~ • (:fH). (0.566) ( ~:~)

~ 0.475

9 cf&• 0.72 (figure 9.2.1-18& at 1) • 0.475)

9
9f ~ &0 ~ (0.72)(60) (equation 9.2.1-c)

• 43.20

Assuming the wing to be a large-chord flap

£ .. 1.2 c 0.60
D 2.0

~ • 0.803 (figure 9.2.1..l8a at i5 • 0.60)

69 • ~ 0 (0.803)(7.4) (equation 9.2.1-d)o e

• 5.940

9 • 9f + 69 = 43.2 + 5.94 (equation 9.2.1-b)

• 49.140

Determine if the ~ value for this wing-flap configuration is in the linear range.

9max • 53.50 (upper curve of figure 9.2;1-1& at ~ • 0.475)

..!L • 43.2 • 0.807
9max 53.5



F
Step 2. Determine the thrust-recovery factor T

Step 3. Determine the power-off lift coefficient CLo'

The experimental power-off lift curve is extrapolated to obtain

Solution:

sin (a - 00)

(equation 9.2.1-e)

oa" = -35

Cta = 0.180 per deg
o

The lift curve that would exist if
the wing were unsta11ed in the power
off condition is estimated by

a a - a sin (a - ao) CLdeg deg 0 0

-40 -5 -0.0872 -0.8990
-35 0 0 0
-20 15 0.2588 2.6693
-10 25 0.4226 4.3587

0 35 0.5736 5.9161
10 45 0.7071 7.2930
20 55 0.8192 8.4492

20

Ellpefimental
lin curve

I
i
I
,
I

Rei 2
wing alone,
propellers off;
. 0
Csllding : 30 •

0fowler = 30°

r -T--
Estimated unstalled
lilt curve

I

o
a,deg

, ,

-20
o.....---......-I.--f---'--+

-40

3.0-

2.0-

I
I.O~

c
, 0

CL" = CLo (1 - To") + ~ Tc" K? sin (e + a) 11 + 1.6(1 - Tc ,,)1/21 (equation 9.2 .1-a)

(4)(3.14) I 1/21CLo (1 - 0.9) + (0.90)(0.90) (10.96) sin (e + a) 1 + 1.6(1 - 0.9) .

0.10 CLo + 1.3978 sin (e + a)

®
a CL (e + a) sin (e + a) 0.10 ~ 1.3978 ® CL"

deg 0 deg sin Q) 0.10 2 (5)+~

-40 -0.8990 9.14 0.1588 -0·0899 0.2220 0.1321
-35 0 14.14 0.2443 0 0.3415 0.3415
-20 2.6693 29.14 0.4869 0.2669 0.6806 0.947
-10 4.3587 39.14 0.6312 0.4359 0.8823 1.318

0 5.9161 49.14 0.7563 0.5916 1.0571 1.649
10 7.2930 59.14 0.8585 0.7293 1.2000 1.929
20 8.4492 69.14 0.9344 0.8449 1.3061 2.151

These results are compared with experimental data. in table 9.2.1-A.

~1.t.I·1U



3. Ti1 t-'.·i:'::.[, t:ont'1gurat.ion

Jiven: The propeller-wing configuration of reference 5.

'V '"

Wing Characteristics

S = 11.0 sq ft

c = 1.5 ft

A = 4.89 NACA 4415 airfoil section

Propeller Characteristics

K = 4 (2 propellers per semispan, overlapped)

Sp = 3.14 sq ft

Additional Characteristics

D • 2.0 ft

Compute:

Step 1. Detennine the sUpstream turning angle a.

af = 0

c 1.5 0i5 = 2.0 = .75

~ = 0.89 (figure 9.2.1-18a at E= 0.75)

(equation 9.2.1-d)

a • at + lY!J (equation 9.2.1-b)

• 11.00

9.2.1-11



FStep 2. Detemine the thrust-recovery factor T'

FT. 1.0 (figure 9.2.1-19)

Step 3. Detemine the power-off lift coefficient CLe'

The exper1Jnental power-off 11ft curve is enrapo1ated to obtain

-20

- Estimated unstalled
lift curve

/ I I/ Expeflmenta

;;J- !)
lift curve

/.

V Rei 5

wlnll: alone.

I
propellers or

V

2.0

1.0

C
L.

o

Solution:

o
a,de,

20

00 • _6.50

Cleo • 0.075 per deg

The 11ft curve that would exist if the wing
were unstal1ed in the power-off condition is
estimated by

CLe • C10 57.3 sin (a - ao) (equation 9.2.1
o

a (0 - ao) sin (0 - 00) CLdeg deg 0

-10 -3.5 -0.0611 -0.2624
-6.5 0 0 0
0 6.5 0.1132 0.4865

10 16.5 0.2840 1.2205
20 26.5 0.4462 1.9175

KS.. 1/2
CL" • er.., (l - Tc") + ~ Tc" if sin (9 + a) 1 + 1.6(1 - Tc") (equation 9.2.1-a

(4)(3.14) 1/2
• CLe (1 - 0.69) + (1.0)(0.69) (11.0) sin (9 + 0) 1 + 1.6(1-0.69)

• 0.31 C10 + 1.4897 sin (9 + a)

Q) ® G) (2) ® <:D
0 CL (9 + 0) sin (9 + 0) 0.31 @r 1.4897 ® CLII

deg 0 deg sin (j) 0.31 2 (2)+'0

-10 -0.2624 1.0 0.0175 -0.0813 0.0261 -0.0552
-6.5 0 4.5 0.0785 0 0.1169 0.1169
0 0.4865 11.0 0.1908 0.1508 0.2842 0.4350

10 1.2205 21.0 0.3584 0.3784 0.5339 0.9123
20 1.9175 31.0 0.5150 0.5944 0.7672 1.3616

These results are compared with exper1Jnenta1 data in table 9.2.1-A.

9.2.1-12



REFEREHCES

10 Kuhn, Ro E.: Semiempirice.l Procedure for Estimating Lift and Drag Characteristics
of Propeller-Wing-Flap Configurations for Vertice.l- and Short-Take-off-and-Landing
Airplanes. NASA Memo l-16-59L, 1959. (u)

2. Kuhn, Ro Eo, and Hayes, Wo C., Jr.: Wind-Tunnel Investigation of Longitudine.l
Aerodynamic Characteristics of Three Propeller-Driven VTOL Configurations in
the Transition Speed Range, Including Effects of Ground Proximity. NASA Til
D-55, 1960. (u)

3. Kuhn, R. E., and Draper, J. W.: Investigation of Effectiveness of Large-Chord
Slotted Flaps in Deflecting Propeller Slipstreams Downward for Vertice.l Take-Off
and Low-Speed Flight. IlACA Til 3364, 1955. (u)

4. Kuhn, Ro E., and Draper, J. W.: An Investigation of a Wing-Propeller Configura
tion Employing Large-Chord Plain Flaps and Large Di8lll8ter Propellers for Low
Speed Flight and Vertical Take-Off. IlACA TIl 3307, 1954. (u)

50 Kuhn, R. E., and Bayes, W. Co, Jr.: Wind-Tunnel Investigation of Effeet of
Propeller Slipstreams on Aerodynamic Characteristics of a Wing Equipped with
a 50-Percent-Chord Sliding Flap and a 30-Percent-Chord Slotted Flap. IlACA
TIl 3918, 1957. (u)

9.2.1-13



TABLE 9.2.1-10
DATA SUMMARY AND SUBSTANTIATION

PROPELLER·WING·FLAP LIFT COEFFICIENT

a C .. C .. (:£L
1
'L L

Ref. Configuration Characteristics Te" des C~ Calc Test (Calc-Test).
2 Deflected-slipstream configuration 0.6 -20 0 0.2520 0·34 -0.09

\ling -10 1.442 1.0514 1.25 -0.20
S • 10.96 sq ft 0 2.842 1.8195 1·90 -0.08
A • 7.66 10 4.154 2.5318 2.41 -0.12
Airfoil: HACA 4415 0.9 -20 0 0.2830 0.28 0
i\l • 0 -10 1.442 0.6771 0.71 -0.03

B• 0.60
0 2.842 1.0507 1.07 -0.02

10 4.154 1.3925 1.39 0
lie =7.40 20 5.341 1.6917 1.62 0.07

Propeller 0·95 -20 o. 0.2693 0.26 0.01
K • 4 (no overlap) cl0 1.442 0.5792 0.59 -0.01
D • 2.0 ft 0 2.842 0.8716 0.87 0

Flap 10 4.154 1.1375 1.14 0
FOIIler flap 20 5.341 1.3687 1.35 0.02

c; • 0.24 (flap extended)

II • 500

Additional
Fif • 0.96
e • 30.960

2 Deflected-slipstream configuration 0.6 . -40 -0.8990 -0.162 -0.20 0.04
\ling -20 2.6693 1.674 1.56 0.11

S • 10.96 sq ft -10 4.3587 2.529 2.21 0.32
A • 7.66 0.9 -40 -0.8990 0.132 -0.05 0.18
Airfoil: 1'IACA 4415 -20 2.6693 0.947 0·91 0.04
i\l • 0 -10 4.3587 1.318 1.28 0.04

B• 0.60
0 5.9161 1.649 1.56 0.09

10 7.2930 1.929 1.71 0.22
!Ie .7.4

0
20 8.4492 2.151 1.70 0.45

Propeller 0.95 -40 -0.8990 0.166 0.02 0.15
K = 4 (no overlap) -20 2.6693 0.781 0.68 0.10
D • 2.0 ft -10 4.3587 1.004 1.0 0

Flap 0 5.9161 1.302 1.26 0.04
Sliding + Fowler flap 10 7.2930 1.506 1.46 0.05
Cf 20 8.4492 1.665 1.53 0.13
D • 0.475 (flaps extended) 30 9.3476 1.773 1.48 0.29
II sliding • 300

II FOIIler = 300

Additional
Fif .0·90
e • 49.140

* Estimated unstalled power-off lift coeff$cient

9.2.1-14



TABLE 9.2.1·1. (CONTD)

a eLI! CLII l:!ICL"
lief. Configuration Characteristics T" deg C~ Calc Test (Calc-Test)c

3 Deflected-slipstream configuration 0.5 -20 -0.1600 0.009 0 0.01
Wing -10 0.6380 0.515 0.50 0.01

S • 10.25 sq ft 0 1.4165 1.004 1.075 -0.03
A ~ 4.55 10 2.1522 1.464 1.575 -O.ll
Airfoil: IlACA 0015 20 2.8224 1.878 1.775 0.10
iW ·0 30 3.4064 2.236 - -
c 0.71 -20 -0.1600 0.064 0.10 -0.04
D • 0.755 -10 0.6380 0.428 0.47 ·-0.04
~e .0 0 1.4165 0.778 0.95 -0.17

Propeller 10 2.1522 1.105 1.24 -0.14
K·2 20 2.8224 1.396 1.375 0.02
D • 2.0 it 30 3.4064 1.649 - -

Flap 0.91 -20 -0.1600 0.099 0.12 -0.02
Slotted flap -10 0.6380 0.305 0.325 -0.02
cf 0 1.4165 0.502 0.55 -0.05
D· 0•226 10 2.1522 0.684 0.75 -0.07
~ • 600 20 2.8224 0.845 0.875 -0.03

Additional 30 3.4064 0.980 0.895 0.08
F
T • 0.96
e • 28.20

4 Deflected-slipstream configuration 0.5 -20 0.43 0.536 0.655 -0.12
Wing -10 0.81 0.929 0.93 0

S • 10.25 sq ft 0 1.162 1.293 1.30 -0.01
A • 4.55 10 1.482 1.618 1.52 0.10
Airfoil: IlACA 0015 20 1.755 1.894 1.65 0.24
iW .0 0.71 -20 0.43 0.522 0.600 -0.08
c -10 0.81 0.855 1.07 -0.18D .0.755 0 1.162 1.220 1.23 -0.01
~e ·0 10 1.482 1.518 1.565 -0.05

Propeller 20 1.755 1.769 1.515 0.25
K • 4 (overlapped) 0.91 -20 0.43 0.444 0.420 0.02
D .2.0 it -10 0.81 0.735 0.70 0.04

Flap 0 1.162 1.004 0.935 0.07
iVo plain flaps (60-percent- 10 1.482 1.242 1.175 0.07
chord flap and 30-percent- 20 1.755 1.442 1.38 0.06
chord flap)
cf
1) • 0.453
~·300
~30·2QO

Additional
Fif • 0.94
e • 350

* Estimated unstalled power-ott lift coefficient

9.2.1-15



T ABL E 9.2.loA (CONTO)

._- .._-,-
a CL * C " C " t£LH

T " L L
Ref Configuration Characteristics c deg 0 Calc Test (Calc-Test)

4 Tilt-wing configuration 0.5 -10 -0.6217 -0.538 -0.55 0.01
Wing 0 0 0 0.08 -0.08

S ~ 10.25 sq ft lO 0.6217 0.538 0.63 -0.09
A g 4.55 20 1.2248 1.059 1.08 -0.02
Airfoil: NACA 0015 30 1.7906 1.548 1.33 0.22
i W= 0 0.71 -10 -0.6217 -0.461 -0.46 0
c 0 0 0 0.08 -0.08i5 = 0.75 lO 0.6217 0.461 0.55 -0.09
8e = 0 20 1.2248 0.909· 0.98 -0.07

Propeller 30 1.7906 1.329 1.27 0.06
K = 4 (overlapped) 40 2.3020 1.709 1.40 0.31
D • 2.0 ft 0.91 -lO -0.6217 -0.342 - -

Additional 0 0 0 0.08 -0.08
F 10 0.6217 0.342 0.42 -0.08T. 1.0 20' 1.2248 0.675 0.73 -0.06
e • 0 30 1.7906 0.986 1.00 -0.01

40 2.3020 1.268 1.21 0.07
50 2.7432 1.511 1.27 0.24

2 Tilt-wing configuration 0.6 -20 -1.102 -0.7760 - -
Wing -10 -0.418 -0.2651 - -

S • 10.96 sq ft 0 0.279 0.2548 0.17 0.08
A • 7.66 10 0.9676 0.7669 0.78 -0.01
Airfoil: RACA 4415 20 1.627 1.256 1.23 0.03
iW• 0 30 2.237 1.707 1.44 0.27

~ = 0.60
0.9 -20 -1.102 -0.4865 -0.56 0.07

-10 -.418 -0.1518 -0.28 0.13
lie • 7.40 0 0.279 0.1886 0.08 0.11

Propeller 10 0.9676 0.5233 0.45 0.07
I K = 4 (no overlap) 20 1.627 0.8421 0.78 0.06

D • 2.0 ft 30 2.237 1.135 1.05 0.09
Additional 40 2.779 1.394 1.20 0.19

F 0.95 -20 -1.102 -0.4133 - -T·1.0 -lO -.418 -0.1256 - -
e • 5.940 0 0.279 0.1669 0.07 0.10

10 0.9676 0.4543 0.34 0.11
20 1.627 0.7279 0.59 0.14
30 2.237 0.9796 0.80 0.18
40 2.779 1.201 0.97 0.23

*Estimated unstalled power-off 11ft coefficient
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TABLE '.I.I·A (CONTO)

T "
a CL * CL" CL" 6CLIt

Ref Configuration Characteristics c deg 0 Calc Test (Calc-Test)

5 Tilt-wing configuration 0.49 -10 -0.2623 -0.109 -0.20 0.09
Wing 0 0.4865 0.1181 0.40 0.08

s ~ 11.0 sq ft 10 1.2205 1.056 0.95 0.11
A ~ 4.85 20 1.9115 1.599 1.52 0.08
Airfon, NAr.A 4415 0.69 -10 -0.2624 -0.0552 -0.20 0.15
i W• 5° 0 0.4865 0.4350 0.32 0.12
c 10 1.2205 0.9123 0.86 0.05'Ii • 0.75 20 1.9115 1.3616 1.29 0.01
r;" • 12.400

Propeller
K • 4 (overlapped)
D • 2.0 ft

Additional.,
if. 1.0
e • 11.00

*Estimated unstalled power-off lift coefficient Av error • I ItlCL"1
n

• 0.092
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o ONE SLOTTED FLAP

C lWO SLOTTED FLAPS
o ONE PLAIN FLAP
6. TWO PLAIN fLAPS

() ONE SLIDING FLAP
() lWO SLIDING FLAPS
o COMBINATION SLIDING-SLOTTED FLAPS
X WING INCIDENCE AND CAMBER
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-- ---- ONE PROPELLER PER SEMISPAN

TWO PROPELLERS PER SEMISPAN, OVERLAPPEO
____ TWO PROPELLERS PER SEMISPAN, NOT OVERLAPPED
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9.2.3 PROPELLER-WING-FLAP DRAG VARIATION
W1TIl POWER AND ANGLE OF AITACK

This Section presents a method for estimating the drag force of propeller-wing
flap configurations at combined forward speed and power-on conditions. The method
is applicable only in the unstalled region of flight. The discussion in Section
9.2.1 is directly applicable to this Section, and thel:'eader is referred to that
discussion for a general description of the fundamental phenomena.

DATeOM METHOD

The negative drag force of a propeller-wing-flap configuration at combined forward
speed and power-on conditions is given in reference 1 as

~ 1/2
-1.6 ~ Tc " S [1 - cos(e + el) I (1 - Tc") 9·2.3-a

where all the parameters are defined in the general notation list of Section 9.2. The
coefficients, except for CD' are based on the dynamic pressure in the propeller slip-o _
stream. and the positive direction of forces and ~les is shown in Figure 9.2-0.

The first term of equation 9.2.3-a represents the power-off drag contribution, the
second term represents the component of thrust opposing the drag, and the third
term represents the drag resulting from the lift augmentation due to the propeller
slipstream. The significance of these terms is illustrated in sketch (a).

Drag due to lift augmentation

F KS
-1.6 "TT; -t [I - co8(8. all (\ - T;)"

1.0

/-- Power-<lff drsg
-c;", (\ - T;)

'---Direct thrust contribution

_F_ T" _KS_p cos (8 • a)
T 0 S

T"
o

o

ot---~-+?+--

SKETCH (a)

The procedure to be followed in evaluatinG equation 9.2.3-a is outlined in the
following steps.

Step 1. Determine the 8lip8tream turning llIlgle • a8 in Step 1 of the ...tbod
outline of Section 9.2.1.

9.2.3-1



Step 2.

Step 3.

In using this procedure to determine the slipstream turning angle it is
necessary that the value be obtained over the linear part of the curve of
variation of turning angle vith flap deflection. The range of linear
variation is defined in Step 1 of the method outline of Section 9.2.1.

F
Determine the thrust-recovery factor T as in Step 2 of the method outline

of Section 9.2.1.

Determine the pover-off drag coefficient Cn.
o

A ving vhich is stalled in the pover-off condition would frequently be
unstalled at some m'Jderate to high propeller thrust coefficient. In order
to estimate the pover-on data in this region, it Is necessary to use the
drag values that vould exist if the vine; vere unstalled in the pover-off
condition. Where possible, experimental pover-off data should be used for
this purpose. Under these conditions the pover-off drag coefficient can be
estimated by

C 2
+~

llAe

8.2M

were

Is the pover-off zero-lift drag coefficient. (For the purpose of
the Datcom this coefficient is taken as the minimum experimental
pover-off drag coefficient in order to simplify the definition of
the drag polar.)

is the pover-off lift coefficient obtained as in Step 3 of the method
outline of Section 9.2.1

0' is the span effic1ency factor for the configuration. For the purpose
of the Datcom e. 0.85.

If paver-off data for the given configuration are not available or if pover
off test data do not exhibit any region of unstalled flov, tbe folloving
procedure should he used:

(a) Determine the pover-off lift variation and llo as in Step 3
of tbe method outline of Section 9.2.1.

(b) Determine tbe paver-off zero-lift drag coefficient for the
unf1apped vine; from Section 4.1.5.1.

(c) Datermine the zero-lift drag increment due to nap deflection
from Section 6.1.7.

then

Cor - Cor(4.1.5.1) + (~)(6'1.7)

(4) 'the pover-off drag coefficient of the tlappe4 vine; at aqle Of
attack is then obtained trom equation 9.2.3-b.



St.ep ". The propeller thrust coefficient Tc
n will usually be specified; however,

if necessary this parameter can be est1mated using the method of Section 9.1.1.

(Rote that Tc = Tc ~, and Tc". Tc9 .1.l .)
9·2.1 9·1.1 TC9 •l •l + K

Step 5. The drag force coefficient is then obtained from equation 9.2.3-a.

The s8lllPle problems illustrate the use of the Datcom method in est1mating the
horizontal-force coefficients of both deflected-alipstream and tilt-wing configurations.

Comparison of experimental data, in the unstalled flight regime, with calcu1atioDB .ade
using the Datcom method is presented for deflected-slipstream and tilt-wing configura
tions in Table 9.2.3-A.

S-p/. Pro~'••"

1. Deflected-Slipstream Configuration

Given: A propeller-wing-flap deflected-slipstream configuration of reference 2. This
is the same configuration as that of s8lllPle problem 1 of Section 9.2.1. The
characteristics are repeated below.

Wing Characteristics

S • 10.96 sq tt A • 7.66 IACA 4415 airfoil section

1w. O c • 1.2 tt (flap retracted) c • 1.68 tt (Povler tlep exteDded)

Flap Characteristics

Cf
Fowler flap -. 0.286 (flap extended)

c

Propeller Characteristics

& • 'j00

K • 4 (2 propellers per semispan, no overlap) D. 2.0 tt

Sp • 3.14 sq tt

Additional Characteristics

ColIIpute:

Step 1. Detenoine the slipstream turning angle 9.

9 • 30.940 (88lllPle probl_ 1, Section 9.2.1)

Also DOte that the variation of 9 with & tor this ving-tlep ~~1oD
vas sbovD to be within the rouise of linear variation .. 4etiDeCl by the J1a~.



Step 2. FDetermine the thrust-recovery factor T'

! a 0.96 (sample problem 1, Section 9.2.1)
T

S~ep 3. Determine the power-off drag coefficient CD •o

The power-off drag coefficient is obtained using the experimental zero-lift drag
coefficient, and the power-off lift coefficient at angle of attack as determined
in sar.ple problem 1 of Section 9.2.1.

-0.5

(equation 9.2.3-b)

CDf = 0.19 (minimum experimental power-off
drag coefficient)

The drag polar that would exist if the wing
Were unstalled in the power-off condition is
estimated by

CIn
C1",2a Problem 1 Cnodeg 9·2.1 -;;:e

-20 0 0 0.1900
-10 1.422 0.1017 0.2917

0 2.842 0.3949 0.5849
10 4.154 0.8436 1.0336
20 5.341 1.3946 1.5846

o-+'':''.:.'....-+.-i..,....,.-+"""~

"l-1:'y ':;~.H:1
o 0.2 0.4 0.6 0.8

c
DO

. Estimated unstalled
. .:. draa polar

d -1--'--+--'-"-J~O=;~

:.,: Experimental

2.D-I-~-+':";:;&4-+~'.:c,-:-;dra& polar

1.5-F~4<f+..c.L0L4-"'~
C . Ref 2,:; _~~j:.,.

L O I Wine alone,-:-::
1.0+~-IL,_: -: propellers off :

1'0 =50'1
_:...-:--:.~ Fowler ~

" I ,""0.5-F~-'J-~-+-·~4-"'~

Solution:

CF " = -CD (1 - Tc") + *Tc" ~ cos(e + a)x 0

) (4)(3.14)
= -C£b (1 - 0.9 + (0.96)(0.9) (10.96) cos (e + a)

)~ I I 1/2-1.6 (0.96)(0.9 (10.96) 1 - cos(e + a) (1 - 0.9)

= -0.10 CDo + 0.990 cos(e + a) -0.501/1 - cos(e + all
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CD (e + a) cos(e + a)
("5

01 I
CF "a x

deg 0 deg cos Q) 0.10 ® 0.990 ® • 1 - ® -(2) + ~-('l)

-20 0.1900 10.94 0.9818 0.0190 0.9720 0.0091 0.9439
-10 0.2917 20.94 0·9340 0.0292 0.9247 0.0331 0.8624

0 0.5849 30.94 0.8578 0.0585 0.8492 0.0712 0.7195
10 1.0336 40.94 0.7555 0.1034 0.7479 0.1225 0.5220
20 1.5846 50.94 0.6302 0.1585 0.6239 0.1853 0.2801

These results are compared with experimental data in table 9.2.3-A.

2: Deflected-Slipstream Configuration

Given: A propeller-wing-flap deflected-slipstream configuration of reference 2.
This is the same configuration as that of sample problem 2 of Section 9.2.1.
The characteristics are repeated below.

Wing Characteristics

S g 10.96 sq ft A g 7.66 RACA 4415 airfoil section

iW g 0 c • 1.2 tt (naps retracted) c. 1.68 rt (sliding flap and Fowler
flap extended)

Flap Characteristics

Cf
-g

c 0.566 (sliding flap and Fowler flap extended; effective chord of
sliding flap measured to flap knee)

8sliding •

8rowler •

Propeller Characteristics

K g 4 (2 propellers per semispan, no overlap) D. 2.0 tt

Sp • 3.14 sq ft

Additional Characteristics

T "g09Oc •

Compute:

Step 1. Detennine the slipstream tllrDing angle e.

e • 49.140 (sample problem 2, Section 9.2.1) Also note that the variation of e
with /) for this Wing-flap configuration was shown to be within the range of
linear variation as defined by the Datcom.
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,0
Step 2. Detennlne the throst-recovery factor T'

~ ~ 0.90 (sample problem 2, Section 9.2.1)

Step 3. Determine the power-off drag coefficient CD •
o

The power-off drag coefficient is obtained using the experimental zero-lift drag
coefficient, and the power-off lift coefficient at angle of attack determined in
sample problem 2 of Section 9.2.1.

3.0

2.5

2.0

1.5
C

L O

1.0

0.5

-1.0 +"..:.";i",::.o>'1'-''=c+=q=-'-i
o 0.2 0.4 0.6 0.8

Coo

CDf ~ 0.14 (minimum experimental power-off
drag coefficient)

The drag polar that would exist if the wing
were UDstalled in the power-off condition is
estimated by

CL 2
CD a CD + _0_ (equation 9.2.3-b)

o f fCAe

Cx... 2
a Problem 2 Cx... CD

deg 9.2.1 fCAe 0

-40 -0.8990 0.0395 0.1195
-35 0 0 0.1400
-20 2.6693 0.3483 0.4883
-10 4.3581 0.9288 1.0688

0 5.9161 1.1111 1.8511
10 1.2930 2.6002 2.1402
20 8.4492 3.4900 3.6301

Solution:

CF
x

" a -CD
o

(1 - Tc") + ~ Ten ~. cos(e + a)

- 1.6 *Ten ~ 11 - cos(e + a) I (1 - Tc ,,)1/2

(equation 9.2.3-a)

- -CDo
(4)(3.14)

(1 - 0.9) + (0.90)(0.90) (10.96) cos(e + a)

(4)(3.14) I I 1/2
- 1.6 (0.90)(0.90) (10.96) 1 - C08(e + a) (1 - 0.9)

• -0.10 CDo + 0·9282 C08(e + a) -0.4691 11 - C08(e + a)I

9.2.3-6



<to

nJ C "a cn
(a + a) cos(a + a)

0.9282 @
0.4691 'x

deg 0 deg cos 0> 0.10 ® .1 1 - -G) + (G) - CZ;

-40 0.1795 9.14 0.'1873 0.0180 0.9161> 0.0060 0.6924
-35 0.1400 14.14 0.9697 0.0140 0.9001 0.0142 0.8719
-20 0.4883 29.14 0.8734 0.0488 0.8107 0.0595 0.7024
-10 1.0688 39.14 0.7756 0.1069 0.7199 0.1054 0.5076

0 1.8511 49.14 0.6542 0.1851 0.6072 0.1624 0.2597
10 2·7402 59.14 0.5129 0.2740 0.4761 0.2288 -0.0267
20 3.6301 69.14 0.3561 0.3630 0.3305 0.3024 -0.3349

These results are compared with exper1lllental data in table 9.2.3-A

3. Tilt-Wing Configuration

Given: The propeller-wing configuration of reference 5. This is tbe _
configuration as that of ssmple problem 3 of Section 9.2.1. The
characteristics are repeated below.

Wing Characteristics

S ~ 11.0 sq ft

c ~ 1.5 ft

RACA 4415 airfoil section

Propeller Characteristics

K • 4 (2 propellers per sem1span, overlapped) n. 2.0 ft

Sp • 3.14 sq ft

Additional Characteristics

Tc " • 0.69

Compute:

o&e • 12.4

Step 1. Determine the slipstream turning angle a.

a • 11.00 (ssmple problem 3, Section 9.2.1),
Step 2. netemine the thrust-recovery factor T'

FT· 1.0 (8IlIIIp1e problem 3. section 9.2.1)

Step 3. Determine the pover-oft draa coeftic1ent «:no

The pover-oft drag coefticient is obt&1Md using the exper1MDtal zero-lift draa
coefficient. &lid tbe pover-off 11ft coefficient at U&1e ot attKlt 4etend.Dll4 in
8IlIIIp1e problem 3 ot section 9.2.1.
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CDr = 0.035

2Cr."
CD = CD + ---- (equation 9.2.3-b)° r fCAe

The drag polar that woq1d exiot if the '.'ing
were unstalled in the pOwer-off condition is
eatimated by

CLo 2
a Problem 3 CL

CD0
deg 9.2.1 fCAe °
-10 -0.2624 0.0053 0.0403
-6.5 0 0 0.0350
0 0.4865 0.0181 0.0531

10 1.2205 0.1141 0.1491
20 1.9175 0.2816 0.3166

..•.• Estimated
. ! unstalled

._. !dla~~~~lar
,
.i

i----t '
0.1 0.2

C0,

.0

. ~. - "" .. t--:" - " _.Experimental
I i d,ag'p01a,

. .Re' 5·.1 ;".
, _'_ Wmg atone.~~

plopetlels off '
, . ,

1
o~~--,-"""";---,--;

Ii
, I

"T "- --r--"1
0.3 0.4 0.5

:.0

o 5

-0. ~

"0

c
"'-

Solution:

CFx• • -COo (1 - Tc") + ~ Tc"~ cos(a + a)

_1.6 ~ Tc"~ [1 - cos(a + a)1 (1 _ Tc,,)1/2

(equation 9.2.3-a)

• -COo (1 - 0.69) + (1.0)(0.69) (t)(3',4) cos (a + a)
11.0

(4H3.14) [ I 1/2
-(1.6)(1.0)(0.69) (11.0) 1 - cos(a + a) (1 ~ 0.69)

• -0.31 COo + 0.7879 cos(a + a) -0.7018 [1 - cos(a + a) I
® ®

"
a

CDo
(a + a) cos(a + a) 0.7018 CFx

des des cos 0> 0.31 ® 0.7879 @ '[1 - @ -(2) +(Q) -(7)
-10 0.0403 1.0 0.9998 0.0125 0.7877 0.0001 0.7751
-6.5 0.0350 4.5 0.9969 0.01ll9 0.7855 0.0022 0.7724

0 0.0531 11.0 0.9816 0.01~ 0.7734 0.012~ 0.7440
10 0.1491 21.0 0.9336 0.04 0.7356

"
0.0466 0.6428

20 0.3166 31.0 0.8572 0.0981 0.6754 0.1002 0.4771

These ....su1ts are compared with experimental data in table 9.2.3-A.
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TABLE 9.2.l-A

DATA SUMMARY AND SUBSTANTIATIDN

PROPELLER· WING· FLAP DRAG COEFFICIENT

a * CF " CF II ,ocF IIx x X
" CDo (Calc-Test)Ref Configuration Characteristics Tc deg Calc Test

2 ~eflected-slipstream configuration 0.6 -20 0.1900 0.552 0.43 0.12
(See.reference 2, table 9.2.1-A) -10 0.2917 0.448 0.37 0.08

0 0.5849 0.229 0.19 0.04
10 1.0336 -0.086 -0.19 0.10

0.9 -20 0.1900 0.944 0.84 0.10
-10 0.2917 0.862 0.79 0.07

0 0.5849 0.720 0.65 0.07
10 1.0336 0.522 0.43 0.09
20 1.5846 0.280 0.11 0.17

0.95 -20 0.1900 1.009 0.92 0.09
-10 0.2917 0.936 0.87 0.07

0 0.5849 0.813 0.75 0.06
10 1.0336 0.645 0.57 0.07
20 1.5846 0.440 0.32 0.12

2 ~flected-slipstream configuration 0.6 -40 0.1795 0.545 0.27 0.27
(See reference 2, table 9.2.1-A) -20 0.4883 0·323 0.18 0.14

-10 1.0688 -0.012 -0.05 0.04
~.9 -40 0.1795 0.892 0.72 0.17

-20 0.4883 0.702 0.68 0.02
-10 1.0688 0·508 0.53 -0.02

0 1.8511 0.260 0.30 -0.04
10 2.7402 -0.027 0 -0.03
20 3.6301 -0·335 -0.20 0.14

[0.95 -40 0.1795 0·968 0.83 0.14
-20 0.4883 0.847 0.78 0.07
-10 1.0688 0.709 0.65 0.06

0 1.8511 0.526 0.45 0.08
10 2.7402 0·309 0.18 0.13
20 3.6301 0.068 -0.06 0.13
30 4.4117 -0.187 -0.21 0.02

*Estimated unstalled pover-off drag coefficient
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TABLE 9.2.3-A (CONTO)

.. .. ..
ex

CD *
C,. C,. t:e,... x x x

Ref Configuration Characteristics Tc deg 0 Calc Test Calc Test)

3 Deflected-slipstream configuration 0.5 -20 0.1521 0.212 0.17 0.04
(See reference 3, table 9.2.1.A) -10 0.1835 0.171 0.15 0.02

o 0.3151 0.062 0.04~ 0.02
10 0.5312 -0.106 -0.14~ 0.04
20 0.8056 -0.318 -0.37 0.05
30 1.1050 -0.555 -0.49 -0.06

0.71 -20 0.1521 0.366 0.285 0.08
-10 0.1835 0.326 0.275 0.05

o 0.3151 0.234 0.19 0.04
10 0.5312 0·097 0.025 0.07
20 0.8056 -0.075 -0.15 0.07
30 1.1050 -0.271 -0.25 -0.02

0.91 -20 0.1521 0.513 0.425 0.09
-10 0.1835 0.479 0.40 0.08

o 0.3151 0.413 0.345 0.07
10 0.5312 0.318 0.23 0.09
20 0.8051 0.199 0.08 0.12
30 1.1050 0.061 -0.02 0.08

4 Deflected-slipstream con1'1guration 0.5 -20 0.1652 0.4571 0.46 0
(See reference 4, table 9.2.1-A) -10 0.2040 0.3638 0.36 0

o 0.2611 0.2272 0.23 0
10 0.3308 0.0532 0.08 -0.03
20 0.4035 -0.1487 -0.21 0.06

0.71 -20 0.1652 0.7261 0.72 0.01
-10 0.2040 0.6232 0.65 -0.03

0 0.2611 0.4726 0.50 -0.03
10 0.3308 0.2799 0.275 0
20 0.4035 0.0534 0.18 -0.13

0.91 -20 0.1652 0.9910 0.91 0.02
-10 0.2040 0.8941 0.885 0.01

0 0.2611 0.7524 0.76 -0.01
10 0.3308 0.5703 0.60 -0.03
20 0.4035 0.3545 0.38 -0.03

-Bet1mated unstall_ power-oU 4l'88 coefficient
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TABLE '.2.l-A (CONTO)

" " "
T "

Cl Co * CFx CF t:£Fxx
Ref Configuration Characteristics c deg 0 Calc Test Calc-Test)

4 Tilt-wing configuration 0.5 -10 0.04181 0·572 0.57 0
(See reference 4, table 9.2.1-A) 0 0.01 0.608 0.62 -0.01

10 0.04181 O.5T~ 0.58 -0.01
20 0.1335 0. 1,67 0.41 0.06
30 0.2739 0.301 0.1 0.20

0.71 -10 0.04181 0.833 0.80 0.03
0 0.01 0.867 0.82 0.05

20 0.1335 0.734 0.1>6 0.07
30 0.2739 0.574 0.42 0.15
40 0.4461 0.362 0.14 6.22

0.91 -10 0.04181 1.086 1.08 0.01
0 0.01 1.114 1.08 0.03

10 0.04181 1.086 1.05 0.04
20 0.1335 1.004 0.94 0.06
30 0.2739 0.869 0.76 0.11

~
0.4461 0.689 0.55 0.14
0.62Q4 0.46Q 0.~2 0.1~

2 Tilt-wing configuration 0.6 -20 0.0794 0.6145 - -
(See reference 2, Table 9.2.1-A) -10 0.0285 0.6727 0.56 0.11

0 0.0238 0.6706 0.57 0.10
10 0.0658 0.6080 0. 1,6 0.1~

20 0.1494 0.4885 0.21 0.28
30 0.2647 0.3183 -0.11 0.43

0.9 -20 0.0794 0.9770 0.76 0.22
-10 0.0285 1.0247 0.86 0.16

0 0.0238 1.0206 0.92 0.10
10 0.0658 0.9650 0.86 0.11
20 0.1494 0.8601 0.71 0.15
30 0.2647 0.7092 0.50 0.21
40 0.3976 0.5185 0.26 0.26

kl.95 -20 0.0794 1.0405 - -
-10 0.0285 1.0836 - -

0 0.0238 1.0795 0.93 0.15
10 0.0658 1.0285 0.88 0.15
20 0.1494 0.9324 0.79 0.14
30 0.2647 0.7940 0.65 0.14
40 0.3976 0.6186 0.46 0.16

*Estlmated unsta11ed power-ort drag coefficient
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TABLE 9.2.3-'\ (CONTO)

CF
..

CF
.. l£F ..

T .. a C * x x x
Ref Configuration Characteristics c deg Do Calc Test (Calc-Test)

5 Tilt-wing configuration 0.1>9 -10 0.01>03 0.539 0.54 0
(See referenee 5, table 9.2.1-A) 0 0.0531 0.510 0;52 -0.01

10 0.1491 0.402 0.1>0 0
20 0.3166 0.225 0.16 0.06

0.69 -10 0.01>03 0.775 0.75 0.02
0 0.0531 0.71>4 0.71 0.03

10 0.1491 0.643 0.61> 0
20 0.3166 0.477 0.1>3 0.05

*Estimated unstalled pover-off drag coefficient Av. Error =
n

~ 0.082
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9.3 DUCfED-PROPELLER CHARACTERISTICS

The estimation of ducted-propeller aerodynamics can be approached in three phases, each
representing a vrOL aircraft flight regime. These are static operation (hovering), axial flow
(approximately zero duct angle of attack as in cruise or vertical climb), and nonaxial flow (high
duct angles of attack as in transition). The most important and most difficult problem is the
prediction of the aerodynamic characteristics in the presence of strong power effects at high
angles of attack and low speeds during transition.

The methods presented in this section are for predicting forces and moments on isolated ducted
propellers as functions of power and angle of attack. The static and axial-flow regimes are trivial,
and nO attem pt is made to deal with the characteristics in these regimes. It is virtually impossible
to present quantitative information on the effects of the various geometric and aerodynamic
variables involved because of the complexity of the problem and the general lack of appropriate
data. However, a qualitative discussion of the ducted-propeller problem is given with primary
emphasis on the nOnaxial flow regime.

A ducted propeller consists of a propeller enclosed in an axially symmetric duct as shown in
fig-Jre 9.3-12. The purpose of the duct is to increase the thrust-generating capability of the
entire unit in the static and low subsonic speed regimes for a given propeller diameter and power
input. If the chordwise cross section of the duct is reasonably faired, the unit can function as a
ring wing as well as a thrusting propeller.

Differing from flying platforms or "flying jeeps," ducted-propeller units are typically mounted
On the tips of low-aspect-ratio wings with the capability of rotating from 0 to 90 degrees. Since
much of the ducted-propeller work has been the application to particular vehicle designs, the
emphasis has been On propeller design and development of auxiliary devices to augment thrust
and to provide control moments. This work is thus of little interest here because the lift and
pitching moments are not affected significantly. The development of various auxiliary devices is
reported in reference 84, and additional information pertaining to experimental investigations is
given in table 9.3-A.

The duct complicates the problem of predicting the aerodynamic characteristics because of the
strong mutual interference effects and the increased number of geometric variables. A prelimi
nary list of geometric variables includes duct aspect ratio, duct section parameters (thickness
ratio, camber, leading-edge radius, etc.), diffuser angle; propeller activity factor, propeller pitch
setting, propeller solidity, propeller section parameters (twist, camber, taper, thickness, etc.),
blade tip clearance, center-body. location relative to the duct. center-body shape, ratio of hub
diameter to propeller diameter, and propeller location within the duct. Aside from this seemingly
endless list of geometric variables, there are the aerodynamic variables of angle of attack,
Reynolds number, advance ratio, and Mach number.

The ducted propeller in the nonaxial flow regime has received very little theoretical attention in
comparison to that given to the static and axial-flow regimes. The theoretical work available in
the literature is generally classified under one of three general categories of analysis: (I) method
of singularities, (2) momentum considerations, and (3) methods which seek to avoid the
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mathematical complexities of the method of singularities and yet yield more detailed results th'l/l
simple momentum theory. The method of singularities is relatively complex, and almost all
solutions in the literature are restricted to special classes of duct profiles. The method involves
replacing the annular airfoil by a vortex distribution on its camber line, determining the axial
and radial velocity components induced by this vortex distribution, and relating these veloCity
components to the shape of the airfoil by satisfying the potential flow streamline condition. Two
approaches to the problem can be defined: (1) given the vortex distribution, find the correspond
ing shape and determine its aerodynamic characteristics, and (2) given the shape, find the
corresponding vortex distribution, from which the aerodynamic characteristics can be deter
mined. In either ::ase, an iteration process is required if other than a first approximation is
desired. The effects of geometric parameters and propellers are induced by the use of additional
distributed singularities. The theoretical basis on which the method of singularities rests is
developed and discussed in reference 57.

An approximate theory for nonaxial flow, based on the method of singularities, is developed by
Burggraf in reference I. Burggraf represents the ducted propeller as a short, thin, cylindrical duct
with a uniformly loaded actuator disk across its exit plane. Each section of the duct is treated as
a thin two-dimensional airfoil, and solutions are obtained by means of conformal transforma
tions. An analysis with less restricted geometry has been made by Kriebel and summarized in
reference 55. Kriebel treats the duct as a thin cylinder (but not necessarily short) and represents
the propeller as a unifOlmly loaded actuator disk located at the duct inlet. The vorticity
distribution bound to the duct and trailing from it is found in terms of a Fourier series by the
method of singularities. The results are obtained by solving for the coefficients of the Fourier
series representing the duct-bound vorticity distribution. Both Burggraf and Kriebel include the
nonaxial flow case by assuming the vorticity shed by both the actuator disk and the duct to be
concentrated on a circular cylinder which extends axially downstream, even at angles of attack.
Because of this assumption, the exit velocity must be large relative to the cross-flow component.
of the free-stream velocity, i.e.,

y. » Voa sin "'D'

a restriction which requires high actuator disk loadings a1 high angles of attack.

Momentum theory in itself is not sufficient to. predict the performance of a ducted propeller,
since the relationships between thrust and power are in terms of the area and velocity of the
final wake. At the present time, there appears to be no available way of relatin, wake
characteristics to duct design without using the method of singularities. To avoid this difficulty
some assumption must be made which relates the duct exit characteristics to the fmal wake. The
II!Ost common assumption, forming what is generally termed "simple momentwn theory," is that
the final wake area is equal to the duct exit area. This implies that the exit velocity profile is
uniform and the static pressure at the exit is equal to that at infmity. The nonaxial flow case is
generally based on the additional assumption that the internal mass flow exits parallel to the
duct axis, an assumption which is valid only for low duct aspect ratios and high exit-velocity
ratios. Examples of simple momentum theory as applied to nonaxial flow are given in references
85 and 58.
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Moser and Livingston, in reference 70, develop semiempirical expressions for the aerodynamic
characteristics of ducted propellers in nonaxial flow by adapting blade element theory and
modifications to it to take some account of duct influence. This method is shown to be
reasonable for analyzing ducted-propeller characteristics where the deflection of the airstream is
relatively small.

Minassian, in reference 65, treats the ducted propeller in nonaxial flow as a ring wing. He
assumes that the propeller causes the internal pressures on the duct to cancel one another and
then applies two-dimensional airfoil characteristics to predict normal-force variation with angle of
attack. This work is restricted to rough approximations at low angles of attack and high advance

ratios.

Wind-tunnel tests cover a wide variety of ducted propellers in the nonaxial flow regime; however,
the data are often of questionable accuracy because of wall-interference effects and data
accuracy limitations at the tunnel speeds required to simulate low-speed flight. Testing small
models in an effort to avoid wall-interference effects has not proved satisfactory because of the
errors associated with low Reynolds numbers and balanoe-system sensitivity. The uncertainties of
wind-tunnel test data, coupled with the geometric and aerodynamic variables involved, preclud~

generalization and verification of any valid prediction methods. Although a large number of
experimental investigations have been conducted, it is still difficult to draw any general conclu
sions pert;iining to the effects of geometric or aerodynamic variations. However, the results that
are available can serve at least to give a practical orientation to some aspects of the ducted
propeller problem. Accordingly, a qualitative discussion of the effects of a number of the
important variables is given.

Duet LlIIding-Edge Rldiul

The duct leading-edge radius is critical in that it must be large enough to prevent inlet
flow separation at high power and/or angle of attack and yet not so large as to
produce an excessive drag penalty in cruise flight. Leading-edge lip stall reduces lift and
pitching moment and increases the power required.

Diffuser

A properly designed diffuser increases the diameter of the fully developed stream tube,
thereby increasing the. static thrust and efficiency of a given ducted propeller. Tests of
two unpowered ducts (reference 36) in nonaxial flow indicate that diffusion of the
duct afterbody results in an appreciable increase in lift-eurve slope and maximum-lift
stall angle of attack. Reference 36 also indicates that diffusion causes the oenter of
.pressure to move forward. These effects can be attributed to the increased internal
mass flow through the duct resulting from increased positive circulation.

Although substantial diffusion may be beneficial in the static flow regime, it can lead
to internal flow separation during essentially' axial flow with an attendant drag
increase.
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9.3-4

Exit Stators

In addition to providing a structural tie between the center body and the duct, exit
stators, because of twist and camber, also serve as guide vanes to eliminate the
slipstream rotation resulting from the high thrust loading of the ducted propeller. This
flow stntightening converts the rotational kinetic energy to pressure and increased axial
velocity. If flow straightening is not provided, the propeller efficiency is severely
reduced.

Propeller Twist

The effect of propeller twist on static performance has been a source of controversy.
The results reported in references 12 and 64 indicate that a relatively flat, untwisted
blade is best for static and low-speed operation, because of the better match with the
theoretical ring vortex circulation about the duct, resulting in gains in static efficiency.
However, these reports make no statement regarding blade pitch optimization, and it is
difficult to distinguish between the effects of blade twist and those of blade pitch. On
the other hand, rhe results reported in references 19 and 56, which did use blade pitch
optimization, show no such corresponding improvement and indicate that blade twist is
relatively unimportant. Moser and Livingston, in reference 70, also indicate that the
effects of blade twist are relatively unimportant except at the highest collective pitch
tested.

Propeller Tip Clearance

Ducted-propeller efficiency increases with decreasing tip clearance. Excessive tip clear
ance will aggravate a condition of flow reversal that occurs on the duct in the propeller
plane even for small tip clearances. At moderate to high angles of attack, the flow
reversal condition on the lower inside surface of the duct can cause premature inlet lip
separation, resulting in reductions in both lift and pitching moment accompanied by
increased power requirements.

Propeller Position

The effect of propeller position on ducted-propeller forces and moments in nonaxia!
flow is relatively undefined. Reference 19 indicates that at a given thrust level, moving
the propeller forward reduces the lift and pitching-moment coefficients. However, data
of reference 57 indicate that forward movement of the propeller plane increases the
radial variation in duct velocity distribution (greater velocities near the duct), which
would be expected to increase the pitching moments in nonaxial flow.

It is stated in reference 55 that analytical results indicate that in axia! flow the
pressure jump acting upon the internal duct surface downstream of the propeller plane
is maximum when the propeller plane is located at the minimum duct internal
cross-sectional area. For this location of the propeller in a"ial flow, the disk area and
disk thrust are minimum for a given disk loading, and the duct-to-disk thrust ratio and
the propulsive efficiency are maximum.



Exit-Velocity Ratio and Angle of Attack

The exit-velocity ratio and angle of attack d ermine the basic flow p. .1 lOr a given
ducted propeller. As the duct angle of atta is increased beyond the unpowered stall
angle, the exit-velocity ratio must be inc' lsed to prevent stalling of the duct lower
leading edge. Because of the predominam of power effects as duct angle of attack is
increased, the separation that occurs on Lee top aft portion of the duct usually has a
minor effect on force and moment data.

Rey"olds Number

Reynolds-number effects are of extreme importance in ducted-propeller design because
of the low airspeed of operation and the short streamwise lengths of ducted-propeller
elements_ The separation that occurs on the lower inside surface of the duct leading
edge at high angles of attack and low exit-velocity ratios is a low Reynolds-number
characteristic. At low Reynolds number, laminar flow is followed by separation rather
than by attached turbulent flow, resulting in substantial losses in both lift and pitching
m<:>ment at a given power selling.

A comprehensive tabulation of pertinent ducted-propeller experimental data in the nonaxial flow
regime is presented as table 9.3-A. This table provides a brief outline of the test data contained
in each report and indicates the basic parametric changes. Similar tables pertaining to the static
and axial-flow regimes are given in reference 84. It should be recognized that the ducted
propeller problem cannot be satisfactorily handled by treating isolated effects with all other
variables fixed, The effect of a geometric or aerodynamic variation on the characteristics of a
ducted propeller of different design will very likely be quite different from that indicated by the
test results of available reports.

A general notation list is included in this section for all ducted propeller sections. Figures
9,3-12 and 9.3-13 illustrate the geometric data required by the methods of these sections.
Figure 9.3-13 also illustrates the positive sense of forces, moments, and angles.

NOTATION

d.
AD duct aspect ratio, -

c

c duct chord, ft

-Fx.
Co external duct drag coefficient,

qoo So•

Fx
c.,x duct negative-drag coefficient,

qoo So
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M

<;,'.

F,
•~xternal riuct negative-drag coefficient, --'--

qoo SD

L
duct lift coefficient, --

qoo SD

duct pitching-moment coefficient,
qoo SD c

duct center-body diameter at the exit plane, ft

duct exit diameter, ft

propeller diameter, ft

J

L

advanoe ratio,
nd p

duct lift force, lb (L = C q S )L 00 D

M duct pitching moment, ft-Ib (M = c;.. qoo So c)

slugs
duct internal mass flow,

sec

N

n

ducted-propeller normal force, lb

propeller rotational speed, rps

free-stream dynamic pressure,
lb

sqft

So duct planform area, sq ft (So = d. c)

T ducted-propeller thrust, lb

T i total internal thrust, Ib

T...
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total net thrust, Ib (Tn.t = T. -CD q So)
I • 00



duct exit velocity,
It

sec

fl
velocity increment of internal mass flow due to power,

sec

internal mass-flow velocity with power off,

ft
free-stream velocity,

sec

exit-velocity ratio

ft

sec

x chordwise distance from the reference center to the unstalled duct center of pressure,
positive for the center of pressure ahead of the reference center, ft

chordwise distance from the duct leading edge to the center of pressure of the unstalled
duct, positive aft of the duct leading edge, ft

chordwise distance from the duct le&dmg edge to the reference center, positive aft of the
duct leading edge, ft

angle of attack between duct axis and free-stream direction, deg

8.
If

8.
'0

net turning angle of the internal flow including power effects, deg

turning angle of the internal flow with power off, deg

REFERENCES

,. Anon.: Aerial Jeep Phase I, Final Report Vol. I and II. Aerophysics Development Corp. Report 520·3/R24/46.
1957. lUI

2. Anon.: Comparative Performance Charts for Dueted Propellers. Hiller Aircraft Corp. Report ARD·257. 1960.IU)

3. Anon.: Full Scale Wind Tunnel Test Report. G. E. Report 153. 1966. (U)

4. Anon.: Theoretical Investigation and Examinatton by Meaalring Tests of 'the Thrust Control by Rudders Uniformly
Titled at the Outlet of a Duct. Bureau Technique Zborowski. 1959. (U)

5. Anon.: Wind·Tunnel·Test Report, Lift-Fan Powerad Scale Model. G. E. Report 137. 1963. (UI

6. Anon.: XV-SA lift·Fan Flight·Research Aircraft Program; Estimated Dynamic Stability Characteristics. G. E. Report
151. 1964. lUI

1. Beilman, J. L.: X-22A Variable Stability System. Presented at First National V/STOL Symposium. Nov. 1966. (U.

9.3-7



8. Sieck, O. M., Wainlluski, H. S., ard Rohrbech, C.: Shrouded Propellers - A Comprehensive P.-form,nee Study. AIM
Paper 68-994, , 968. lUI

9. Black, D. M. an::! Wainauski, H. S.: Shrouded..fl'ropeller Test Program Data Analysis. Hamilton Standard Report
HSER 4348, Vol. I, '967. lUI

10. Cahn, M. S.: The Design and Performance of Shrouded Propellers. SAE Preprint 587C, 1962.IU)

11. Clancy, G., and Cowgill, R.: Truck Test Stand Tests of Hiller Airborne Personnel Platform. Phase II. Hiller Aircraft
Corporation. Eng. RepOrt 680.2, 1955. lUI

12. Colton. R. F.: Preliminary Engineering Report on the .4 Scale A_odyne Model Static Tests. Collins Aeronautical
Research Laboratory, Rep:>rt CER-924, 1959. lUI

13. Curtiss, H. C., Jr., and StrUble, R. W.: Oownwash Tests of the Dual-Tandem Oucted-Propeller VTOL Research Air
craft Configurations to Evaluate Engine Inl8ts, Protectkm Devices and Study Aerodynamic Interference. Kellett Air
craft Corp. Report 179T8~12, 1965. IU)

14. Curtiss, H. C.• Jr,: Dynamic Stability· of V/STOL Aircraft at Low Speeds. AIAA Paper 69-194, 1969. (U)

15. Davenport, E. E" ard spreemann, K. P.: Transitton Characteristics of a VTOL Aircraft PCNVered by Four Ducted
Tandem Propellers. NASA TN 0-2254, 1964. lUI

16. Duvivier, J. F., ard McCallum, R. B.: Investigation of. Tilting-Duct and Fan-Wing in Transition Flight, TREC
TR-6'·'9, 1960. lUI

17. Finnestad, R. L., Welter, W, L.• Ferrell, K. R., et al: Engineering Flight Research Evaluation of the XV-5A Lift-fan
Aircraft - Part I, Stability and Control. Final Report. USATREC Project 4-5-1220-01, Part 1. 1966.IU)

18. Fletcher. H. 5.: Experimental Investigation of Uft. Drag, and Pitching Moment of Five Annular Airfoils. NACA TN
4117, 1957. lUI

19. Gill, W. J.: Wird·Tunnel Tests of SeveraJ Ducted Propellers in Non-Axial Flow. Hiller Aircraft .corp. Report
ARO-224, 1959. lUI

20. Gill, W. J.: Airborne Personnel Platform. Hi'ller Aircraft Corp. Report ARD-236. 1959. (U)

21. Giulianetti, D. J., Biggers, J. C., ard Maki, R. L.: Longitudinal Aerodynamic Characteristics in GrounclEffect of a
L.ge-Scale. V/STOL Model with FQur Tilting Ducted Fans Arranged in a Dual Tandem Configuration. NASA TN
0-42'8, '967. lUI

22. Giulianetti, D. J .• Biggers, J. C.• et al: Longitudinal and Lateral-Directional Aerodynamic Characteristics of a large
Scale, V/STOL Model with Four Tilting Ducted Fans Arranged in a Dual Tandem Configuration. NASA TN 0-3490.
1966. lUI

23. Goodson, K. W., and Grunwald, K. J.: Aerodynamic Characteristics of a Powered Semispan Tilting Shrouded Propel·
ler VTOL Model in Hovering and Transition Flight. NASA TN 0·981, 1962. (U)

24. Gonon, J. V., ard Hamel, L. A.: Aerial ~eep Vehicle Project - Phase I, Final Report. Chrysler Corporation. Con·
tract OA44-177·Te-448, '958. lUI

25. Greenberg, M. D., and .ordway, D. E.: The Dueted Propeller in Static and Low-Speed Flight. Therm Advanced
R......ch TAR·TR·6407, 1964. lUI

26. Greenberg, M. D., Ordway, O. E., and Lo,. C. F.: A Three-Dimensional Theory for the Duet" Propeller at Angle
of Attack. Therm Advanced R....ch TAR-TR-6609, 1965. (U)

27. Grose, R. M.: Wind-Tunnel Tests of Shrouded Propellers at Mach Nu er, from 0 to .6. WADC TR 58-604.
1968. lUI

Grunwald, K. J., and GoodlOn, K. W.: ~odynamlc Loads on an Isolated ShroudKl..fl'ropeUer Configuration for
Angl. of At18Ck from -uf to 110°. NASA TN 0-995, 1962. (UI

29.

9.3-8

Grul'1lN8ld, K. J., and GoocilOn. K. W.: Oivision of Aerodynamic Loads on a Semispen Titting-OuetKl..fl'ropeiler Model
in Hovering and Tranlition Flight. NASA TN 0·1257. 1982. CU)



30. Halley, D. H.: The Development at a Simplified Anelytical Approach for Evaluation of the Dy",",~ Stlbility
Chlraeteristics of a Ducted-Propeller VTOL Aircraft in Transition. Princeton Univ. A«oSI»Ce and Meeh. Sci. Report
850. 1968. luI

31. Ham, N. D.• and Mo... H. H.: Preliminary Investigation of a Ductld Fan in LiWng Forward Flight. lAS Preprint
827. 1958. lUI

32. Hetby. A•• aOO Sherman. E. W., Jr.: Wind-Tunnel-Test Data Report for the Full-scale Powered-Duct Model. Ben
Aerosystems R-2127-921007, 1965. (UI

33, Hoehne. V. 0.: Investigation at Shrouded Propellers. Progrea Report for 1 Decem_ 1957 ttw"ough 31 December
1957. University of Wichita, Oept. of Eng. Research Report 3:»5. 1958. (UI

34. Hoehne, V. 0., and Monical, R. E.: A Method of Design of Shrouded Propellers. University of Wichita. Dept. of
Eng. R....rch R_rt 213-8. 1959. lUI

35. Hoehne. V. 0.: Progr.. Report for 1 Juty 1966 thro~h 31 October 1957 on Wind-Tunnei Investigation of
S~ouded PropeUers. University of Wichita. Dept. of Eng. R...rch Repon 300. 1957. (U)

36. Hoehne. V. 0.: Shrouded Propell.- Investigations: Aerodynamic Chlracteristics of a Shroud with Centerbody. Uni
versity of Wichita, Dept. of Eng. Research Report No. 337. 1959. (UI

37. Hoehne. V. 0.: Shrouded Propeller IrtvestiliJl1:ion.: Stroud and Cent«body PreSlUre Distributions of a Shrouded
Propeller with a 17-Bladed Rotor. inlet and Exit Stators and Long-Chord Shroud. University of Wichita. Dept. of
Eng. Research Report No. 213-9, 1959. lUI

38. Hoehne, V. 0.: Shrouded Propetier Investigations: Shroud and Centerbody Preaure Distrbutions of a Shrouded
Propeller with a 10-Bladed Rotor, Exit Stators end LongoChord Shroud. University of Wichita. Dept. of E~.

R...rch R_rt No. 213-10. 1960. lUI

39. Hoehne, V. 0 .• and WattlGn, R. ·K.• Jr.: ShroUC:ed Propeller Investigations: Static Performance of Two Highly·
Loede:t Shroude:t Propellers as Measured in the Welter H. Beech Memorial Wind Tunnel. University of Wichita,
Dept. of Eng. ReBlrch RelXtrt No. 213-4, 1958. (U)

40. Hoehne, V. 0.: Shrouded Propeller Investigations: Wind-Tunnel Tests of a Shrowed PropeU. with a 17-Bladed
Rotor, Inlet and Exit Stators, and Long-ehord Shroud with Modif~ Static Inlet and No Diffusion. University of
Wichita, Dept. of Eng. Research Report No. 213-3, 1958. (U)

41. Hoehne. V. 0., and Wattson. R. K.• Jr.: Shroud" Propell.. Investigations: Wind-Tunnel Tests of a Shrouded Pro
peller with a 17-Bladed Rotor, Inlet and Exit Staton. and Long-ehord Shroud with Stetic Inlet and No Diffusion.
University of Wichite, Dept. of Eng. R8I88rch Report No. 213-2, 1958. (U)

42. Hoehne. V. 0., and Wattson.· R. K.• Jr.: Shrouded Propeller Investigations: Wind-Tunnel Tests of a Shrouded Pro
peller with e 17-Bladed Rotor. Inlet end Exit Stators. end Long Shroud with High-Speed Inlet and No Exit Ott
fusion. University of Wichita, Dept. of Eng. R....ch. RelXtrt No. 213-1. 1968. (UI

43. Hoehne, V. 0.: Shrouded PropeU« Investigations: Wind-Tunnel Tests of a Sfwouded Propeller with e 10-8laded
Propeller, Exit Stators, and Long-ehord Shroud with High-Speed Inlet and No Exit Diffusion. Uniyerslty of Wichita.
Dept. of Eng. R8S8Irch Repon No. 2136, 1959. (U)

44. Hoehne. V. 0.: Shrouded Propell.. Investigations: Wind·Tunnel Tests of e Strouded Propeller with a lo-eladed
Propeller, Exit Stators, and Long-ehord Shroud with e Modified Static Inlet end No Diffus5on. University of
Wichita, Dept. of Eng. Re_rch Repon No. 213-7,1959. (U)

46. Hoehne. V. 0.: Shrouded Propeller Investiglrtions: Wind-Tunnel Tests of a Shrouded PropeU.. with a lo-elm«J
Propell... Exit Stators. end LongoChord Shroud with Static Inlet end No Diffusion. Univertity of Wichita, Dept. of
Eng. R_ch Report No. 21:Hl. 1959. lUI

46. H~n., V. 0.: Shrouded Propeller Inv.-tiglltlons: Wind Tunnel T_s of • 2-Blecled Shrouded~ropell ... Modll.
University at Wichita, Dept. of Eng. R8I8Irch Report No. 213-11. 1960. (U)

47. Hough. G. R., and Keskel, A. L.: A Comparison of Ducted Propell« Theory with Bell X-22A Experlmen'bll Data.
TtW'm Advanced R8I8Irch Report TR-6610. 1966. (U)

48. Johnmn. A. E.: Wind-Tunnel Invest_ion of the Effects of Thrust. Shroud L.engl:h. and Shroud Clnaer on the
Stltle Stability Ctwecterittics of Shrouded PropellerL DTMB Aero 1073. 1984. CU)

9.3-9



49. Kekol, S. /: Flight Tests of the First Dual Tandem Dueted Fan V/STOL. Soc. of Experimentel Test Pikrts Annual
Report to the Aerosp8ce Profession (Tenth), 1968. (U)

50. Kelley, H. L., and Champine, R. A.: Flight Operating Problems and Aerodynamic and Performance Characteristics of
a Fixed-Wing, Tilt-Duct, VTOL Research Aircraft. NASA TN 0-1802, 1963. (UI

51. Key, O. L., and Reed, L. E.: VTOL Transition Dynamics and Equations of Motion with Application to the X-22A.
CAL·TB·2312·F·l, 1968. (UI

52. Kriebel, A. R., and Mendenhall, M. R.: Predicted and Meesured Performance of Two Full-scale Dueted Propellers.
NACA CR-57B, 1966. (UI

53. Kriebel. A. R., Sacks, A. H., and Nielsen, J. N.: Theoretical Investigation of Dynamic Stability Derivatives of
Ducted Propellers. Vktya TR 63-95, 1963. (U)

54. Kriebel, A. R.: Theoret~' Investigation of Static Coefficients, Stability D«ivatives, and Interference for Ducted
. Propellers. ITEK Report No. 112, 1964. (Ul

55. Kriebel, A. R.: Theoretical Stability D«ivatiws for a Ducted Propeller. AIM Preprlnt 64-170, Journal of Airaaft,
Vol. I, No.4, 1964. (UI

56. KrOger, W.: On Wind Tunnel Tests and Computations Concerning the Problem of Shrouded Propellers. NACA TM
1202, 1949. (UI

57. Kuchemann, D., and Weber, J.: Aerodynamics of Propulsion. MeGraw-Hill Book Company, Inc., N8IN York.
1956. (UI

58. Lippisch, A. M.: Theoretical Investigation of the Shrouded Propeller in Forward Flight. ONR. Air Branch, Contract
No. NON 701 (00). Collins Aeronautical Research Laboratory, 1954. lUI

59. Maguire. W. B.: A Wind·Tunnel InvestllJllltion of Some Short-ehord Low-50lidity Shrouded Propellers In the Cruise
Conditton. OTMB Aero-1083, 1964. (U)

00. Maid. A. L., and Giulianetti, D. J.: Aerodynamic Stability and Control of Dueted-PropeUer Aircraft. Conf. on
v/STOL and STOL Aircraft. NASA SP·116, 1966.IU)

61. McKinney, M. 0., Parlett, L. R., and NltNsom. W. A., Jr.: An Approach to Efficient Low-5peed Flight for Fan
Powered V/STOL Aircraft. Conf. on V/STOL and STOL Aircraft. NASA SP-116, 1966. tU)

62. McKinney, M.- 0., am Newmm. W. A.: Experimental R.....ch on 4-Duet Tandem VTOL Aircraft Configurations.
Amer. Helioopt. Soc. Paper. 1962. (UI

63. McLemore, H. c.. ard Cannon, M.D.: Aerodynamic Inv.llJltlon of a Four·Blade Propeller Operating Through an
Angl&<>f·Attaek Range from 0° to 180°. NASA TN 3228, 1964.(U)

64. McNav, O. E.: Study of the Effects of V_ws Propeller Configurations on the Flow About a Shroud. Mislissippi
State Coli., R_eIl Raport 14, 1958. (UI

65. Mine_r., B.: A...lyticel Study of ShroudKI PropelhtrL Langren Aircraft Company. Apt. Nos. Pr·2-4. 1956, Rpt.
No.. Pr·5, Ls·501, 1956. IU)

66. Monical R. E.: progr.. Report for 1 January 1968 ttwough 30 NoYtmber 1968 on Wind-Tunnel I~lgatlon of
Slwouded Pr_II.... Unw. of Wichita, Dept. of Eng, _ch R_n 331, 1968. lUI

frI. Mort. K. W.• and V-.v, P. J.: AMxIyrwnic Cha'ecter..1c:I of • 4-Foot DIem_ Duet" F811 Moun1Ml on t!'!e Tip
of 'a Somilpon Wing. NASA TN 0-1301, 1962. lUI

6B. Mon, K. W.: Sunwn.y of lMp-Sca1a T_ of Dueted Fana. Conf. on V/STOL and STOL Aircraft. NASA SP·116,
1966. lUI

6B. Mon, K, W., and Ga.., B.: A Wlnd·Tunnel I_igltlon of a 7.foot-Dlametar Dueted Propel... NASA TN
0-4142, 1967. lUI

70. Mo... H. H.• and LivingstOn, C. L: Ex_lm.,..1 .nd Analytic Study of the Dueted Fan and F....ln-Wlng In
'-ing and Forward Flight. MIT TR 79-1, 1959. lUI

9,3-10



71. NeBl, B.; The Design and Testing of Three &Foot Diameter Ducted Propellers with Their Rotational Axes Normal

to the Free Stream. NRC 8483, LR-426. 1965. WI

72. Neal. B., and Slack, W. E.: Static and Low Forward-Speed Tests on Several Six-Foot-Diameter Tractor and Pusher
Ducted Propellers. NRC LR-445, 1965. (U)

73. N8Nsom, W. A., Jr.: Aercx:tynamic Characteristics of Four-Duet Tandem VTOL-Aircraft Configurations. NASA TN
0·1481. 1963.IU)

74. Nevvsom, W. A., Jr., and Freeman, D. C., Jr.: Flight Investigation of Stability and Control Characteristics of a
0.18-Scale Model of a Four-Duct Tandem V/STOL Transport. NASA TN 0-3055, 1966. (UI

75. Newsom, W. A., Jr.: Wind-Tunnel Investigation of a Deflected-Slipstream Cruise·Fan V/STOL Aircraft Wing. NASA
TN 0-4262. 1967. lUI

76. Ordway, D. E., Sluyter, M. M., and Sonnerup, B. O. U.: Three·Dimenstonal Theory of Ducted Propellers. Therm
Advanced Research TAR-TR-602, 1960. W)

77. Parlen, L. P.: Aerodynamic Characteristics of a Small-Scale Shrouded Propeller at Angles of Attack from 00
to 900

NACA TN 3547. 1955. lUi

78. Parlett, L. P.: Experimental Investigation of Some of the Parameters Related to the Stability and Control of Aerial
Vehicles Supponed by Dueted Fans. NASA TN 0-616, 1960. (UI

79. Platt, A. J., Jr.: Static Tests of <I Shrouded and an Unshrouded Propeller. NACA RM L7H25, 1948. (U)

SO. Pruyn, R. A,: Effects of Airframe Geometry on Downwash Problems of Tandem Ducted..propeller VTOL Aircraft.
Kellett Aircraft Corp. RePJrt 179T8()'6, 1964. WI

81. Putman, W. F., Traybar, J. J., et al: An Investigetion of the Dynamic Stability Characteristics of a Quad Configura
tion, Ducted·Propeller V/STOL Model - Volume 1, Phase 1, Hovering.· Princeton Univ. Report 835, USAAVLABS
TR·68-49A. 1968.IU)

82. Putman, W. F., and Traybar, J. J.: An Investigation of the Dynamic Stability Characteristics of a Quad Configura·
tion, Ducted-Propeller V/STOL Model - Volume 2, Phase 2, Longitudinal OynamiC$ at High Duct Incidence Data
Report. Princeton Univ. Repon 836, USAAVLABS TR-68-49B, 1968. lUI

83. Putman, W. F., Traybar, J. J., et al: An Investigetion of the Dynamic Stability Characteristics of a Quad Configura
tion, Ducted-Propeller V/STOL Model - Volume 3, Phase 3, Lateral·Directional Dynamics at High Duct Incidences.
USAAVLABS TR·68-49C. 1968.IU)

84. Sacks, A. H., and Burnell, J. A.: Ducted Propellers - A Critical Review of the State of the An. Progress in Aero
nautical Sciences, Vol. 3. edited by Ferri, A., Kuchemann, D., and Stern, L. H. G., Pergamon Press, New York,
1962. lUI

85. Sacks, A. H.: The Flying Platform as a 'Research Vehicle for Ducted Propellers. lAS Preprint No. 832, 1958. lUI

86. Speth, R. F.: Aerodynamic Test Data Report for Grourd Effect Mqdel, X-22A. Bell Aerosystems Corp. Report
2127·921004. 1963. lUI

87. Spreemann, K. P.; Wind-Tunnel Investigation of Lateral Aerodynamic Characteristics of a Powered Four·Ouct-Propeller
VTOL Model in Transition. NASA TN 0-4343, 1968. lUI

88. Spreemann, K. P.: Wind-Tunnel InvestigaHon of Longitudinal Aerodynamic Characteristics of a Powered 4-0uct
Propeller VTOL Model in Transition. NASA TN 0-3192, 1966. (U)

89. Stapleford, R. L., Wlllkovitch, J., et al: An Analytical Study of V/STOL Handling Qualities in Hover and Tran·
.ition. TR-14().l, AFFDL~TR-65-73.1965. lUI

90. Tapscott, R. J., and Kelley, H. L.: A Fligt'lt Study of the Conversion Maneuver of the Tilt-Duet VTOL Aircraft.
NASA TN 0·3n. 1960. lUI

91. Theodorsen, T.: Theoretical Investigation of Dueted-Propeller A«odynamics, Vol. l. Dept. National Defen., DOD
Tech. Libr.-y Account 71999, 1960. (U)

9.3-11



92. Theodorsen, T.: Theoretical Investigation of Ductecj.Prope!ler Aerodynamics. Vol. II. Dept. National Defense. DOD
Tech. Library Acoount 72000, 1960. (U)

93. Thompson, J. F., Jr.: An Experimental Investtgation of the Effect of Forward and Rearward Motion on the Thrust
of a Shrouded Propeller. Miss. State Univ. RR·65, USAAVLABS TR·66-65, 1966.IU)

94. Wainauski. H. S.: VariabltH:3eometry Shrouded-Propeller Test Program. Vol. 1. Data Analysis. HSER-5062, Vol. 1,
1968. lUI

95. Wausan, R. K., Jr.: Shrouded Propeller Investigations at the University of Wichita. University of Wichita, Dept. of
Eng. Rese.ch Report No. 306, 1958. (U)

96. Yaggy, P. F., and Goodson, K. W.: Aerodynamics ot a Tilting-Ducted Fan Configuration. NASA TN 0-785,
1961. lUI

97. Yaggy, P. F., and Mort, K. W.: A Wind-Tunnel Investigation of a 4-Foot Diameter Dueted Fan Mounted on the
Tip of a Semispan Wing. NASA TN 0-776, 1961. lUI

r
1-----1-- DIFFUSER

SECTION

!---c----i

CENTER
BODY

EXIT
STATORS ---+-lI-tH++-l.

PROPELLER

LEADING EDGE

PROPELLER TIP
CLEARANCE----....

DUCT OR
..--- DUCT OUTSIDE DIAMETER SHROUD

DUCT INSIDE DIAMETER
(NOMINAL PROPELLER DIAMETER)

FIGURE 9.3-12 DUCTED-PROPELLER GEOMETRY

9.3-12



L

T

L6iO
Voo _.L-_....:::=!~

- - -r---~""'+:"c--/---"'::""'-

FIGURE 9.3-13 DEFINITION SKETCH FOR DUCTED-PROPELLER FLOW GEOMETRY 
WIND-AXIS SYSTEM

9.3-13



TAlLE 9.3·A
SUMMARY OF EXPERIMeNTAL Ducno PIOPELLER O...TA

NON ._ .. .._. -----
/ """"'RY / TUNNEL DATA / TEST CONDITIONS / DATA IN ADDITION TO /

l, D. M. IPM, .. !'OWER

#!Jf!w 'f.Y;///Iff·1!IIJIf' ~ _ f" ... ~ ~.t. # ... ~ $:1 .,,9! ,i, ~ J:$Jt¢ ~ OO~ $'.$'I!I
COMMENTS/:// 1~?{,i1f ! /l/ l I <}If!:~:?

... ;, ~ ,J2S /.~ ..... '" 'fJ0r;, , ~
~ tS .f 0 ..."0 ~

~ ~ ~ ~ ~ ~
~ REVIEW AND OlNSTRUCTfON OF COMP...R..TIV'E PERFORMANCE CHARTS USING D...T... FIlOM ..., eo ~ - ~ ~

'AAJORITY OF 'mE REPORTS ON THE REFERENCE LIST. HOVERING, TRANSITlON,"'NO CIlUlSE
2-0IMENSION... l W"'TER.FlOW STUDIES.

1.83. ~ ~ ~ ~ -, ~

, , , , , , , SINGLE SHROUDEO PROPELLER TESTEO IN U"'C 1a.FT OCTAGON...l TUNNEL fOil HOVER UP TO• .. MA 1.575- ',' " M· .2 "'ND IN B·FT TUNNEL FOR CRUISE. BLAOE PITCH 2fP - 5&". DIffUSION ANGLE NOT GIVENI.B47. .,.
RPM MEASURED. EFFECTS Of DUCT EXIT "'RE'" R"'TlO, LIP SHAPE. DUCT CHORD LENGTH.1.714,
PflOPELI,.ER POSITION DUCT EXTERN"'l SH",PE, INLETNANE "'NGLES. EXIT·VANE ANGLES. "'ND2.103
P1l0f>ELlER P"'RAMETERS. SUCH AS PLANFORM DISTRIIUTION, NO. Of ILADIES. ANO TIP
CLE...RANCE. TESTS RUN THROlJGH R...NGE Of PROP POWER lOADINGS AND FREe-sTRE...", M"'CH. NOS. EFFECT Of EACH P...R...METER SEP...R...TELV.

•• ',' ,. 1.63, ~ ~ ~ .m ~ ~

, , , , , , , SAME CONFIG "'S "'BOVE. 15" .... 42" BLADE TWIST. DIFFUSION VARIED."UP TO 12" IH... LF ....NGLfl• " 1.575,
POWER SURVEY. THRUST O...T... ONLV. EFFECTS ON PERFORM"'NCE OF DUCT EXIT ...RE .... DUCT1.$47. .." -,..
CI1ORO LENGTH. PROf>ELlER POSITION, St1ROUO EXTERN"'L 1M""'. INLET·V...NE .u.GlES,1.714,
EXIT· VANE "'NGLES AND PROPELLER PAR......ETERS, SUCH ASPLANFORM DISTRlllUTIDH,NO.OF2.103
BLADES. "'ND TIP CLE"'RANCE. PRESSURE AND VELOC1TV DATA USED TO COMI'tJT'E PftOP
THRUST AND POWER· LOADING DISTRIBUTION "'ND DUCT DR"'G AND SLIPSTREAM CONTIIACTION.
PRESS O...TA SHOW EFFECT OF BLADE ANGLE, MACH NO., AND TIP SPEED. MAX "'ND MIN DUCT
EXIT VELOCITIES GIVEN FOR BASIC CONflG "'NO "'LSO TO SHOW EfF OF V...RVING R.... ,.LADE
ANGLE, MACH NO., DUCT EXIT ARE..., DUCT CHORD LENGTH. INLET VANES, TIP CLEARANCE, NO.
OF BL...DES, AND PROP PLANFORM,

,
"

~ ~
~ ~ ~ ~ ~

, , , , , A OUCTED PROPELLER WITH fORW...RD ANO "'FT GUIOE VANES ",N:) eLC TEniD IN UAi" " ~
~

TUNNEL. HAMILTONj1;ANDARD VARI"'BLE CAMBER PftO!'ElLER. DIFFUSION VARIES .... 11
IH ...Lf ....NGlEI "'ND WITH 8LC. PROP Eff PLOTS. THRUST FOR OUCT. PROI' ....NO TOT"'L
ADV...NT...GES OF DUCTEO PROPELLER. METHODS OF DETERMINING PERFORMANCE. ANO TUT
D"'T'" VERIFVING PREDICT~D PERFORMAHa:. HOVER, CRUISE, "'ND TRANSITION.

". , • - ~ 0,90° 76,S ~ ~ ~

, , , , FULL·SCALE HALF·MOOEl SIMULATION Of DUAL TANDEM DUCTED-I'ROP VTOL "'IRCRAn" .. •• TESTEO OVER SAND "'NO STONE TO TEST ENGINE PROTECTIVE DEVICES. IIOL"'TED DUCT ALSO
TESTED. 19O, 22.5", 26" BLADE PITCH. DIFFUSION ANGLE NOT GIVEN, GttOUNO EFFECT. STATIC
PRESSURE. EFFECTS Of PRO!' BLADE ANGLE, DUCT HEIGHT. POWER. AND DISTANCE IlETWEEN
DUCTS. THRUST AND TOROUE Sl'4OW EFFECT OF RPM ALSO. AP'I'ENPIX INClUOES PROP BLADE
STRESS STUDIE':: MADE IN KELLETT DOWNWASH TEST F"'CILITY SHOWING EFF OF GROUNO "'ND
ADJ"'CENT COMPONENTS ON VIBRATORV STRESSES ON BLADES OF DUCTED PROP... .. MA ,eo , 1.017 ~

51:)0 .... 80°
~ ~ ~ ~

,
3 TIlT·WING ooNfiG. lONG STABILITV CHAR (HORIZ .fORCE, VERTICAL-FORCE.I'ITCHING. AND
VElOCITY·STABILlTY DE~IVS.1 oo".....REO WITH OUAD-oUCTED PROP CONFIG AND 2 HELl.
COPTERS. RPM MEASURED. HOVER"'NO TR...NSlTION. EO fOR DERIV$.

" " •• 1.77 • 1.146 ~ ~ rf .... 90° ~ ~ ~ ~

,
VTOL ooNFIG WITH 4 TILTING DUCTED I'ROPELlERS IN TANOEM. LIFT, LONG FORCE, ANO
PITCHING MOMENTS. RPM ME"'SURED. DIFFUSION ANGLE NOT GIVEN. EFFECT OF DIFFERENTIAL
THRUST "'NO DIFfERENTIAL INC IDENCE ON ...ERO STAB AND CONTROL CH"'R IN TR... NSITION.
TUFT GRID PICTURES.

,.. , ,.. ~ ~
_10° ....900 ~ - ~

~

, ,
A TILTING DUCTED PROP AND A F... N·IN.wING IN MIT 7-112· ~ 1Q-fT TUNNEL. INCREMENTS IN" eo •• LIFT. OR"'G. AND PITCHING MOMENT. AND PoweR COEfFICIENT T"'BULATED FOR TILT _GUS
OF -10" TO 110". A BLAOE PITCH SETTING OF 20", AND TUNNEL VELOCITY OF OT04Q~. MAX
MASS FLOW VARIES FROM.288 TO .887 SLUGs/SEC. NO DIFfUSION. RPM MEASURED. TRANSITION
REGIME. DUCT INFLOW VELOCITIES AND INUT PRESS DISTRIB. TUFT STUDV.

0 ~
~ ~ _4° .... 90° ~ ~ ~ 704-2.11 , ,

5 ...NNUl"'R ...IRFOILS OF EOUAl PROJECTED AREAS IN LANGLEY 8.• B-FT TUNNEL. NO" " MA ."',
DIffUSION. lOW·SPEED STATIC LONG ST"'B CHAR. MAX LID. L1fT<:URVE SLOPES AHO DIl ...G.•7,
POL...RS COMPARED WITH CALC V"'LUES. TUFT GRID tESTS.1.0.o..

10

-MA • Modifi.d Airfoil; 1M • hMmo",th; NaM • NOlch.d a.llmouth; +0 • Plul DiH"'I.'; TWC • Thin Walled Cyli"d.'
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lAME 9.3-A (CONTO)

COMMENT.

nil 'l £I'"

.. , .. I :.0, .., .. ,. 0.03 .. O .... fllJo ,,'" ,,' 0.47 .072 .... .37 , , , , , ~ "'''10 3-8LAOED COUH'nR ROT...TING I'ROPELL.ERS. PROf' TWIST AND II"AOE pfTCH VARIED
•.0+. SPINNER ROT...TES. PROP TIP CLE...R...NC£, CENTER..fIODV LENGTH, PAOP 'LOCATION, AND

OM, ... ElUT·VANE EFFECTIVENESS INVESTlGA~D. EXIT·VELOCITY SURVEV D...T.... TEST POINTS
MA .. I"ftIMARILV ...RDUND HQRIZ.fORCE EOUILl8RIU.. CONDITION.

:1 :1
Sl.MMARV PLOTS OF TRANSITION D"'T'" FROM REF II AND ST...TIC n.ST DATA OF A
HIGH......ECT·RATIO DUCT CDUCT 3 OF REF Ill.

MA ,- , , 0," O~... 0... , , , ,
~~~LE.V~T~ ~J:.~~~I~~L~~~~U~IN~'ti~~~Mc::~M~~
IHALF.ANGLEl EFFECT Of GROUND HEIGHT ON LONG "'ERO CHAR IN HOVE", TRANSITION.
AND CRUISE, AT VAlllOUS DUCT DEFLECTION, FORW"'RD Sl'EEDS, ADVANCE RATIOI, AND DUCT
""'NE DEFLECTIONS. RPM MEASURED. lllRUST COEFF FOI'I lBOLATED DUCTtD FAN AS
FUNCTION OF ADVANCE RATIO "'''10 DUCT DEFLECTION. EFFECT OF GROUND HEIGHT ON l'OWER
AT VARIOUS OUCT DEFLECTIONS, FORW...RD SPEEDS, AND ADVANCE RATIDS. PITGl CONTROL
EFFECTlVENUS OF DUCT EXIT VANES.

"1 .1 .. 11.11441 , I , 1 0," I I 7IJo .... tlJ° I ...,,- I I "" I I 'I I I I 'I 'I ' I' I LA"GUJCALE- V/STOL MODEL WI'n4 • TILTtNG DUCTED FANS IN DUAL·TANDEM ARRANGEMENT
IN AMES 40- IV .FT TUNNEL.. BLADE PITCH "'NGLE zfJ C...T TIP). ItO DIFFUSION IHALF.....NGLEI.
RPM MEASURED. THRUST COIEFF OF ISQLAT1;DtlUCTEO PROP AS FUNCTION OF AO\lANCE R"'TtO
AND DUCT INCtDENCE. EFFECTS ON LONG AERO Ol...R IN HOVER, TRANSITION, AND CRUISE,
OF DUCT INCIDENCE, DtFFERENTIAL FQRE....n DUCT INCIDENCE, ..,..,NT CENTER, FRONT
OUCT 'n4RUST, WING TIPS 0UT8OARO OF RE ...R DUCTS, DUCT STALL. AT VARIOUS ...DVANCE
RATIDS AND DUCT INCIDENCES. EFF OF SlDESU', VERTICAl.. T...IL, DIFFERENTIAL LEFT·RIGHT
DUCT EXIT.vANE DEFLECTION ON LAT-DIR "'ERO CH...R AT V"'RIOUS "'DV"'NCE R...TIDS "'NO
DUCT rNCIDIiNCES. DUCT INCIDENCE, POWER, AND DIFFERENTI...L EXIT·VANE DEFLECTIONS REO
fOR TRANSITIGN. MAX DESCENT VELOCITIES "'''10 DUCT ST"'LL MARGINS IN TRANSITION.
CONTROL. flOWER VARI ...TION WITH DUCT EXIT.vANE SETTINGS.

,,1 ,,' .. IIA'
, I 1.21 I 0," I ., I O~ ... I ,.,- I ... I 0," I .on .....72 I , , lilli-SCALE MODEL OF VZ. DUCT AND SEMISPAN WING EXcef'T DUCT INTERNAL ELEMENTS

~":::'r6Vt...~: tii~~E~~~:r.e"s.I~Ci.L~~~~~ f~:~:...""'~~it:0E PITCH VARIATION. GROUND

"1 .. ,
1:1

,

I"I
...

I ." I o~~
371- ,... .. tA .....2 , , , , NeARLV "'XIAL flOW, M-O TO o.s. DUCT LE "'T OI'EN END OF 111.fT OCTAGONAL W·T TEST... SECTION. MOP NORMAL FORCE NOT MEASURED. ONLV ST...TIC O"'T'" ON IIElLMOUTM OUCT

1M ". ,,,,-
IlLADE PlTGl VARIED. SPINNER ROT...TES. so DIFFUSION. SHARP·RADIUS INLET.

.1 .. I , ,.. 0." .., -10" .... 11 ,~- ". - .lM:Z .....78 , X , lil1e.acALE MODEL OF VZ4 DUCT. DIVISION OF LOADS B£TWEEN PRO' AND DUCT. lOWER.. FORWARD LE RADIUS INCREASED DURING TEST TO PREVENT SE'ARATION. NO .LAD! Jl1TCH
V"'RIATION. 110 DIFFUSION. (HAlF·ANGLEI

al .. I

1::1
,
I'" I

0...

I
..
I

O.... fllJO 111- ". 0," ~"".70
, , , , SEMISI'AH MOOE!... DIVISION OF LOADS INVE5TIG...TlON. IELlMOlITH CONflG • A... MOOIFIc.r.nON Of MOO ... IRFOIL CONFIG.NO SLADE PlTeM VARI",TION.GROUND-EIFFECT OATA.

OM SPINNER ROT...TU. 11 0 DIFFUSION.

"I .1 MA , ,. ,OM O .... IDDo ", X , , ,
:~L~~.~~D~...~t~~ v;.X~I~N8"~~:F~c:i~r:~I~''!HRAA~IT~o;'Ss~O~;;
DRAG, AND I'ITCHING MOMENT. HINGE MOMENTS. EFF OF ELEVONS.

:1 :1 1M
, , I"AOGRESSREPT. DUCT OF REF 41 DISCUSSED. INlET.oGUlDE·VANE TEST 'l~.

1.•, -' 1.1' .., Q .....o - - - ,M .....73 , I'ftOP'ELLER.QUT DATA FOR MA DUCT Of REFS .2 ...ND43.ANDMAANQ M...<-O DUCTS OF REF 441.... HUB DIAMETEA AND NOSIE LENGTH INVESTIGATED.... ........ u •
"I ., ... , DUCT AND CENTER"OOV SURF"'CE "\ES6URE SURVEYS OF DUCTS OF REfS 040.•1, "'''10.2

.:r.

-1M. • MocIfiecI Airtoll; 1M. a....ovth; HIM • -Notd>ed~ +D ...... Diffvtet~ 1'WC • ThIft W.-.cl C-,lind...
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TAMI 'oM (COHTD)

I / / """"'" / lUNNEL DATA - - / "" CONOITIOHS / DATA .. """""'" 10 /- L 0, M. RPM. .. IOWU
/ - --
.$J

cooo-n

31 I 110 I .... I I I I I I I Xl I I I I I DUCT N40 CEH'RR..oDY IURI'ACEf'fllEllUfIIE IURVEYlOf' DUCBOP IIPI q, ... ANO"'..•••.. .. .... ..,. " 1.1• ,., 1••• O... WIJO 227n21 ". 1D .1.....1t X THRl.-r ONLY. NOTCHED INLET VEfIIItON Of' DUCT IN filII' C. NO 'v.gE fliTCH VAIlI"T1Of11.
"NHER AOT"'T£&. NO DIFF....ON•

" .. •• ,.,.
" 1.1. 1.SI I•.• .~... ""m ". •• .1.'" .1t X X THRIATONLY••LUClUTH INLET VERSION OF.DUCT OF REF 42. MOllLAOl fliTCH VAIlIATION.

"NHEfIII'IOTA'TU. NO DIFFIAIOfII•

" .. ... .... " 1.18 .., ". .~"" ""m ,., •• .22"'1.1• X X THRl.MT ONI..Y. NO llLADE "'TCH VAfIIIATlON. NO DIFF~ON •

<l .. ... .... .. 1.1• 1.51 ." O"''¥J° 180/1110 .. •• .22"'1.2• X THfIIUST ONLY. 'LADE I'lTCH VARIED.II'I"'-:R FlOTATD. NO DIFFIJtK)N•.. .. ,.. ,.,. .. 1.1. 1.51 U. .~... IWIJ/111O ." ... .1 ..... 711 X THRUST ONLY. NOT'aED INLET VEIWION OF DUCT OF flllEF.Q, 'Lo\DI! 1'ln:K VAfIIIED.......R

:1:1
AOTATU. NO DIFF~C*l.

•• ,.,. .. 1.1. 1.51 ... o....i' 11101180 ". " .1.....711 X THRUIT C*lL'V. 1lI:LLMOUTl'l INLET VEIIIION OF DUCT OF .1' a. 'LAOl I'lTOt VAIIIID•
"NHER FlOTATU. NO OlFF~ON •.... 2.0, , 1.18 ,., .... .~... "'~,

,. ,., .IS'" 1.15& X X X THRU8T ONLY. tuDE PlTOl VARIED. &PINNER fIIOTATU. MODIFIID AIR~ll "NO llELUC)UTM...'" 2.15, DUCf1WITH AND WlnwUT DIFFUItON. -'LUC)UTM l)UC'q RUN lITATICALLY ONLY.'.. >0..- ,,,
.7 I &6 I "" '... , wl:U. (eI.m·1 I I IX I I IX I I I THEORETICAL PflIEDlCTIDNll DF DUCt l"AU8URE OIITfIIIIUTIDNll COM'ARlD WITH D....TA FROM

lb19.D lbl.2. I_I IJ3.ICALE AND Ibl FULL4CALE IlIODEU OF .LL ll~ Tlmo IN DTMa... tHT ~L.

~~R~Es~~&~~~~~~Lt:.':r=D~:?::=~
A.ND HOI .WOVEo'llf'EEO, ANGLE OF ATTACK, A.ND fOWlRI"""-'T vAiiio.

.. I .. IldTWC

O'! '
'.m _lrJ1""0o ,... X X AnlI.lST....U ....TCH 'ROPELLER AND "INNER WITH' DUCTI, IOtlll UNCAMlllRED WtTM VAfIIIED

l!ll MA b12119 OtDAD.(tIAM AATIOI. .....D SOMl WITH POIITlVE AND _GATlVI:~R AND A ClONITAHT
lolMA d 200 CHDRD.(tIAM RATIO-I_I Ho\I NO DIFFUSlON. EFFECTS OF THRU8T.OUCf LEHOTM,ANOCMIllIR
IdlMA S" ON STATIC STAll OiAR. LIFT AND LONGITUDINAL.f'DI'lCii COI"FF ,I"ITOlING MOMENT. C~AHD

. I r·A .1' 96 .~"'a"~~~~":J~EOftY. P'OWERIUftVlY. I'ftDI'UUlVl EFFlCIlNC't. fa FOfII I' IlICQI IIIMA 11205

15~.6€ MA .11601 (.) 8 ... I.) .44 I.i _~1 .13--1.06 , X , X X X X X 2 LAAG£4CALE DUCTtD-f'ROPlLLEFI MOO£U Of DOAK VZ~A AND tEL ... X.22A TUTED IN
b)l lbl3 M7.C6 lei 1.37 lIb) .88-2 AMES «l- " IO-FT ruNNEL II" ,LADE "'TOl AT TIP IN (&I, VAfIIIAlU: lILADE I"ITCH lIN 1101.,-'

DIFFUSION IHALF..o\NGl.EI. THFI\.ST OF DlJCTED PFlON:LLER DUCT, o\ND l'ftDll'ELLER FOR, I i
VARIED ADV.....a RATID6. NORMAL FORCE AND PITCHING MoMENT. f'fIIUI FOR RANGE OF
ANGLE DF ATTACK. ADVANCE RATIOS, AND CUC'nD-f'flOP'ELUR THRUST DOEFl'. COM'UTtD
AND MIEASUAED ll-L TI1ICKNESS. DUCT STALL llOUND-\ftY FO. \til FROM TUFTI,IOUND, "NO
I"ITCHING-MOMENT DATA. EFFECTS OF ELEVONS IACROIS DUCT EKIT 'LANIEl A.NDPROP llLADE
PITCH ON nfRUST .....D PAEa FOR Ibl.

53 I 53 I I - I I - I I I I I - I - I I !XI I I I X I I I STATIC AND DYN STAB DEAIVS Of l?UCTED PROPS IN HOWR "NO CfIUIIlI'fII£DletED.EXl'lA
OATA (FROM AEFS 19. 27. !Ill. 70, 7lt.R~.IDNl'1'IOP THAUSTCOIFF DlJCTMDRMALFORCl "NO
PfIOf'lILSlVE EFFICIENCY COMPARED WITH THEDAY. ' ,

"I" • A

,~ I • .1816 -" '.5 ~., , X X X X X X 2 1'fII000LLEfIS DiffERING I'" lILADE TWIST I'LUS N"'Ca'LLE PLUI II DIJC'YS WHICH DIFFEA IN
OtDAD LENGTH. EXTENDED CHORD, THICKNIESS RATIO, AND CAM_A. llLAOf. l"ITCH I&'ITD yO

LI
NO Ofl'FUSlON. THRUST. SOUE OfIAG. AND TOAOLIE. EFFICT OF IHAPI' OF l'ROfI!UlA .....0
SHROUD SEPAAATELY. DF NOSE !l'LlT.AING FLAl', DF EXIT sr"TOftS PAIMARILY ON PC\IIlftR .....D
THR\.ST AS A FUNCTION DF ADVANCE RATID .....D 'LADE PITCH. AN MEo\IURl.D. CALC AND
=~ ::e~E$ OF EFFICIENCY A.ND STATIC THfIIUS'T FACTOftOF MERITet::lW'AfIlD.l'MDTOlIOF

"MA • Modified Airfoil, 1M .. "lh..""III. "'lM • Notcll.d ' ..llmOl/ttl, +0 _ PI... Diff",w.; TWC _ Thin Woll.d C.,lind_.
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T"BLE 9.3·... (CONTD)

I~ 7 GEOMETRY / TUNNel DATA / TEST CONDITIONS 7 O...T" IN ...tOI~ eN TO 7
l. O. M, RPM. t. FOWER

/r / / )
.• I

COMMENTS

.. I.

111_

10'.
u I teJ4

~",.,

2 DUCTS. EACH TESTED WITH 2 PROPS IN DT...... lQ-FT TUNNEL. I"' ....~ 8LADE PITCH
"'NGLE. DIFFUSION ...NGLE NOT GIVEN. CI'lUI~. LIFT, PITCHING MOMENT. THRUST. PAOPUl.$IVE
EFFICIENCY•

LARGE OUAL·TANDEM. TILTING DUCTED-PfIOPELLER VTOL MODEL OF OO"'K VZ-C>... IN ......ES
FULL.scALE TUNNEL, ...ND ~ .3-SCAU MODEL OF THE SAME IN THE LANGLEY TlJNNEL.
DIFFUSION ANGLE NOT GIVEN. PITCHING MOMENT IN TRAN$lTION. SlDE.fORCE, V...WIMG
MOMENT. AND ROLL·YAW COuPLING. DUCT ANGLE "'ND POWeR REQUIRED .... FUNCTION OF
FLIGHT SPEED. GROUND EFFECT. SOME OATA IN I+OVER "'ND CRUISE ALSO.

SEMIS1''''N MODEL WITH 2 OUCTED PROPELLERS MOUNTED AHEAD OF ... WING WITH OOU8LE.
SLOTTED FLAPS IN LANGLEY TUNNEL. DIFFUSION ANGLE NOT GIVEN. EFFECTS OF EXHAUST
SPLIT, SLIPSTREAM DEFLECTION. AND FENCES ON L1FT·THRUST "'ND DRAG·THRUST RATIOS IN
HOVER. EFFECT OF FENCES ON JET·INDUCED LIFT. THRUST REQUIRED INTRANSITtON

1/3-SCALE MODEL PROPELLER IN LANGLEY FULL«:ALE TUNNEL. EFFECT OF 8L"'DE ...NGLE (0
TO 2&0 AT .7&RI ON THRUST AND POWER COEFF IN HOliER. EFFECTll OF lLADE ANGLE
{O ....57.SOl. ADVANCE RATIO, "'NO PROP "'NGLE OF "'TTACK ON THRUST ANO POWER COEFfI.
CIENTS, PFlOPELLER EFFICIENCY, NORMAL·FORet, Y...WING-MOMENT, ANO PlTCHING-MOMEHT
COEFFICIENTS. COWAR'IlilON OF THEORY AND EXPER. PRO" NORMAL_FORCE. THRUST, AND
POWER COEFFICIENTS AND PRop EFFICIENCY FOR VARlOUS8LADE ANGLES,ADIIANCE R"'Tlos.
"'ND "'NGLES OF ...TT...CK. CRUISE. TI'l...NSITION. "'ND HOVER.

VZ4 SEMlSP...N WI,... PLUS DVCT {PROTOTYPE COMPONENTS). OUCT AND DUCT-WING O"'T...
TAKEN "'T 4 WI"" ...NGLE-oF·...TT...CK SETTINGS. DUCT STALL BOUND...RIES OEFINED. '2 lLADE
PITCH ...,...LES TESTED. 11° DIFFUSION lHALF"'NGLEI.

3 SIZES OF ISOLATED OUCTED PROP£LLERS IN ......es 'TUNNEL. THE 70FT 1'A000LLER A
FULL«:ALE MODEL OF THOSE IN X·2ZA,. THE 30FT PROPELLER WlTH 3 Ln. VARIABLE lLADE
PITCH. DIFFUSION "'NGLE NOT GIVEN. PRESSURE LOSSES FOR 30 "'ND 50FT PROPELLERS
NACELLE DR...G FOR :).fT PROPELLER AND ITS EFFECT ON THRUST. EFFECT OF TIP CLEAR ...NCE
ON THRUST ANO POWER COEFFICIENTS AND ON STATIC PERFORMANCE. DUCT ANGLE OF
ATT"'CK FOR INNER AND OUTER TIP ST"'LL.

~~~~);e....~~ER~~JH~~ci"llr~~~~F~~L:i~~W~~~t.~g:tT"H=.
POWtR COEFF , AND PROl'VLSIV!. EFFICIENCY FOR MNGE OF lLADE ANGLES ANO ADVANCE
RATIOS. TOTAL LIFT. DRAG. AND PITCHING MOMENT, "'LSO WITH PROI' REMOIIEO. ST...TIC
EFFICIENCY SHOWN AS FIGURE OF MERIT. THRUST IIALUESCOMPARED WITH THEORY. DUCT LII'
ST...LL.

...RTICULATEO BLADES WITH OFFSET LAG HINGES. ILUNT AFTERBODY. NO !PINNER. ANALYSIS
OF OUCTED PRoPs. ILADE PITCH II...RIEO. NO DIFFUSION. GROUND.£FFECT D...T....

:,~~~ ~~3.;.~~cI3 :1E~i}~B~:O~~::J ~~~~~=:E~:ERD.~~~~
THRUST "'NO FOR PROI' "'LONE. TOTAL PITCHING MOMENT. EFFECT OF DUCT. ENGINE
DOWLINGS. THRUST VECTORING VANES, DUCT LIP EXTENSION. TIP CLEAR...NCE, ILADE TWIST,
AND GROUND PROXIMITY. DUCT PRESSURES COMPARED WITH THEORY. EFFECT (,F VANES ON
AIR.TURNING "'NGLE. HQVERCONDITION.

TR...CTOR AND PlJSHER DUeTED PROPELLERS WITH .. PROPELLEFIS IN NAE MOBILE TEST RIG
TRACTOR DUCTS HAVE MODIFIED LE AND Clo AND 1oo DIFFUSION lHALF-ANGLEI. PUSHE 1'1 DUCTS
OF &.7 PERCENT THICKNES$-OIAM RATIO H"'VE 30 DIFFUSION (H...LF ....NGLE!. OF 8.3 PERCENT
THICKNESS-DI...M RATIOS,&" AND 100 DIFFUSION lHAl.F-ANGLE). lLADE TWIST. 1'1.... MEAlUftED.
HOVER "'ND CI'lUlSE CONDITIONS. THRUST FOF!. DllCTEO "'ND PROP ....LONE "'ND COM8INED.
EFFECTS OF DUCT, DIFFUSER ANGLE. AND MOO LE, INCIDENCE, PROP LOC"'TlON. Til'
CLEARANCE. "'ND TIP CHORD OF BLADE$.
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TAIt! ,.1-A (CONTD)

QK)MEnY TUNNEL DATA TOT CONDITlONS DATA IN ADDITION TO
L. D. M, I'M. & POwtl

COMMENTS

-~---

1: I 13 I ., I 1.77 I • r 1.1481 I I .~,., t 1 1 - 1 I 'I 1 I 1 1 I 'I I 4 VTOL CONFIGS WITH TILTING DUCTED PROf'S IN TANDEM PAIRS IN LANGLEY 120FT
OCTAGONAL TESt SECTION. BLADE PITCH fiXED. DIFFUSION ANGLE NOT GIVEN. EFFECTS OF
VARIOUS LAT AND VERT POSITIONS OF DUCTS. DUCT INCIDENCE, WING INCIDENCE. AND POWER
ON LONG CHAR. WITH AND WITHOUT PROPS IN CRUI$E AND TRANSITION. EFF£CTS OF VERT
TAIL,. DUCT INCIDENCE, AND ANGLE OF ATTACK ON LATERAL CHAAACTERIln"ICI.

14 I • I .. I 1.80 I • I ... , I , .~of' I I I - I I ,I I I I I I I I hlDln"LY FREE.FLIGHT TUTI OF AN .1NCALE MODEL OF +OUCT TANDEM VI$TOLTR~RT
IN LANGLEY FULL-SCALE TUNNEl.- DIFFUSION ANGLE NOT GIVEN. EFFECTS OF GflOUNO
PROXIMITY ON LIFT. !tOLLING AND PITCHING MOMENTS. AND AILERON YAW CONTROL
EFFECTIVENESS IN HOVER AND TRANSITION. EFFECTS OF VERT·TAIL SIZ!. YAW DAMPER.
VORTEX GENERATOR$, AND LE SLATlI ON PITCHING. TUFT In"lY.HES OF DUCT In"ALL. ROLL AND
YAW CONTROL IY OIFf:ERENTIALLY DEFLECTING AILERONS IN DuetS. EFFECT OF DUCT
INCIDENCE ON THRUST COEFF AT VARIOUS DESCENT RATES.

"I " , .. , - I • I •• I - I , 0"'200 I I 1 - I I ,I I ,I I I I I I SEMISPAN WING WITH OOUILE-SLOTTED FL..., AND DUCTED PROI'ELLERS IN LANGLEY FULL·
SCALE AND LOW4PEED 12..fT OCTAGONAL nST SECTION. NO DIFFUSION. EFFECTS OF lOR 2
FANS. SPANWISE DUCT LOCATION. OUCT-EXIT .LlT, FENCES. FLAP DEFLECTION, ANO
MOMENTUM COEFF. LIFT, DRAG. PITCHING MOMENT. AND TOTAl. PRESS AT FORWARD .EED
AND STATIC THRUST CONDITIONS. LIFT INDUCED IY JET·F~ ACTION COMPAMD WITH CALC
VALUES. lliRUST REQUIRED IN TRANSITION. SLIPSTREAM ROTATION AND TURNING CON·
TROLLED BY VANES. fENCES. AND FLAPS.

" .. "'" 1.•7 , ..., .... .. • ~of' 1~- .. .213 .0l!llI ... .53 , , VERY LOW DISC LOADING. BLUNTCENTERBOOY. 5 SMALL CIRCULAfl LEADING fl ...DII TESTED. NO
";FFUSION.

"
., ,. 2.33. U, 0.2. .., 1lf"'80° I.BI- 17 .• .. .017'" .20 , , , 2-. 3-. AND "'BLADED PROPELLERS, SLADE PITCH VARIED. NO DIFFUSION. GflDUND EFfeCTS.... ISOLATED-DUCT STATIC STAll. LE·AADIU$ EFFECTS. AND INLET<iUlDENANE lliAU$T CONrAOL.

" .. .. 111.1 " • - 1111(111- , , , , , ,
!f~~tl~A6~~L;~'1~l~g~~~~~cr~I~~~gN~~f:O~"~I;'i~1'bID Ibll1B/-

• lbl 22.~. leI 14.~. APU MEASURED. ONLY THAUST AND POWER FOR COMPONENn ANDell•• ,.-
VARIOUS BLADE ANGLE$. HOVER CONDITION.

~r641 .. I 2.28 , • nf ... ,ot' ""- , A FULL·SCALE HALF·MODEL OF OUAL·TANDEM OUCTEO-VAOl' VTOL TESTED OVER SAND AND
WATEA IN HOVEA. 31.t;O BLADe PITCH AT .7M. A"AOX If' DIFFUSION lHALF....NGLEI. AIIM
MEASURED. EFFECTS OF GROUND PROXIMITY. DUCT INCLINATION. AFT DUCT LOCATIC»I. DISC
WADING, AND TEAAAIN TYPE ON POWEA LO...DING. INGESTION; AND RECIACULATION.

"I ., .. I 1,JO I , I 1.02 I I I ~ ... VtJ° I t I ." 1 I 'I 1 t t 'I 1 I I ISOLATED DUCT AND COMPLETE .145-1CALE. QUAO.(;ONFIG, OUCTEO-VAOP VISTOL SIMILAA TO

~i.~~ ~1?A.~I~I~e;r2:lgY~As~f ~~O:t~REAC:Nc!I:JI(~~ew.:!..~~,tD1~~~E~\:.~
DIFFERENTIAL BLADE ANGLES OF FAONT AND AEAA PROPELLEAS. DIFFUSION ANGLE ""'ROX
rP (HALF....NQLEI..APM MEASUAEO. STATIC TESTS ON ISOLATED DUCT, LIFT. DAAG. AND
PITCHING MOMENT COW...RED WITH FULL.scALE OAT.... TIME HISTORIES OF TAANSIENT
RESPONSE CHAR IN HOVEA OF COMPLETE MODEL FOR ,0, 'P....NO:fJ OF FflEEOOM: AOLL, YAW.
SlOE VELOCITY AND VEAT VELOCITY MOTIONS

"I ., ., I 1,JO I , I ,m I I - I I I I I , I I I I I I I , .loQ.SCALE OUAo.roNFIG. DUCTEO-VROI'ELLER VISTOL SIMIL...R TO BELL )(·22A IN PAINCETON
DYNAMIC MODEL TRACK. DIFFUSiON Al'PROX tjO IHALF·...NGLEI. BLADE ANGLE VARIED
23.7"'''''''' AT .7511, DIFFEREHTI...L BLADE ANGLE BETWEEN FAONT AND AEAR PROPS. RPM
MEASURG{!. LONG DYNAMIC STAB CH"'A AT LOW SPEEQ AND HIGH INCIDENCES (50'" - 8Cl"1.
TIME HISTORIES OF TA...NSIENT RESPONSES TO :f' OF FREEDOM WITCH. HORIZ. AND VEATICAL

~~::::~l:A~lc: li6/FR:iE~ 1(~IJfT~~O HOAIZ VELOCITY, ...NO PITCH AND VERT

"I .1 .. 1,.. 1 , 1 l.a:I I 1 I I I - I I 1 I I I 1 I 1 I 1 .143-SCALE OUAD-CONFIG OUCTEO·PAOPELLER v/STOL SIMIL...R TO BELL )(.22A IN PRINCETON

if~IC.~~~L7~:~A\.g:~F~~~:M":';fA~~H(~:L=TA~:;"~~EA~~~~~~~EIU'::~
I - 'i}1. TIME HISTOAIES OF TA... NSIENT AESPONSES TO ':fJ OF FREEDOM (ROLL, YAW,., , , , , LATEAAL VELOCITY). TO 'P OF FREEDOM (ROLL AND YAW. AND ROLL AND LATEAAL
VELOCITYI. AND I"OF FAEEDOM IROLL ONLY AND YAWONLYI. APM MEASURED.

-MAo. Modified Ai.foil, 1M. kIllIKIIIfh; NIM. Notched IeII"'ovIh; +D. P:~. O.lfu...... !We • llIill won_If Cylinder
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TAlI.! 9.3.... (CONTD)

/
DAT" IN ADDITION TO /

... D. M. I ..M. & P'QW1:1

00'00

N I 81

131.

'7 I '1

COMMfNTS

I
12" REl'OfIlTS LISTED PERT"INING TO DUCTEO PROf>EllERS. " TAB!.E OF :zt REl'OFlTS CDI'ITA'''' I
ING EXPERIMENTAL DATA IN HOVER, CRUISE,AND TRANSITION FLIGHT SHOW THE PARlPoM~TERf I
VARIED. WITH ADDITIONA!. COMMENTS, SIMILAR TO THE ANA!.YS1S INTHIST lE

1/31.27·SCAlE MODEL Of X·22A" DIFFUSION ANGLE APPROX 'I' IHAt.f NGlEI EFFECT fir
GROUND AND ANGLE OF ATTACK ON LIFT. PITCHING MOMENT. AND ROLLING MCNENT I'
HOVERING. i

liS-SCALE VTOl MOPEl WITH" DUCTED PROPELLERS IN 11·fT TEST SECTtON OF LANGlF' I
31)(1.Mf't4. 7· • lo-FT TUNNEL DifFUSION ANGLE NOT GIVEN. HQV!iR. CRUISE. AIIiD TRANS1TlOI.
fLIGHT. EFfECTS Of ANGLE OF ATTACK, POWER, VERT·TAtl SIZE AND ....ECT "Anv, AN;;
VERT. FINS ON SIDE.fORCE, Y....WlNG AND ROLLING MOMENTS. "ROPELLER THRUS'I OOEFFI 'I
CIENTS. YAW AND ROLL CONTROL BY EXIT VANE&.

l/5.SCALE VTOL MODEL WIn; .. DUCTED PROPELLERS IN 17n TEST SECTION OF lANGLEY
3I)).MPl'I, 7· • l().FT TUNNEL DIFFUSION A~LE NOT GIVEN. HOVER. CRUISE, AND TRANSITION I
FLIGHT. EfFECT OF GROUND ON LIfT, DRAG. AND PITCHINGMOMENT.

.EFFECTS OF HORIZ TAIL, DUCT F....IRINGS, DUCT LOCA.T10N, Duet DEFLECTION. OUCT l'~. .
DIFFERENTIAL DUCT DEfLECTION. PROPELLER, PROP ROTATION DIRECTION. NJ"CHlES. VAlliE I

~~WI~6PANg....'i':e:~~ l~"~l~A~~:DJrrg~~NGA~~:~11~ ~~~~A~~~~~ I
DEfLECTION ANGLES, ANO ANGLES OF ATTACK.

,

X I x I VZ.. SEMISPAN WING PLUS OUCT (PROTOTYPE COMPONENTS). NO BLADE PITCH VARI ....TION.
TRANSITION CONDITIONS. WING-ALONE DATA. OOWNWASH INVESTIGATION AT HORIZ LOCA
TION. EXIT·VANE PITCHII\IG·MOMENTCONTROL INVESTIGATED. 11° DifFUSION fHALF.ANGlEl.

,

,

,

X I VTOL CONFIG WITH TILTING DUCTED FANS ON EACH WING·TIP lOOAK ltll IN FLIGHT TEST. TIME
HISTORIES OF AIRCRAFT MOTIONS IN ROLL. PITCH, AND YAW, CONTROL POSITIONS. AND DUCT
PlTCHING·MOMENT VARIATIONS IN HOVER AND TRANSITION.

X! I I 54 REf LISTED CONTAINING TEST DATA ON DUCTED PROPS. 11 liEF ANALYZED,I~LUDINGlit
77, 40 THROUGH 45, 515, 83, 70, AND 78, AND PRESENTED ON PLOTS OF STATIC EFFICIENCY AND
SHROUD THRUST IN HOVER; THRUST COEFFICIENT AS A fUNCTION OF AOVANCE RATIO AND
8LADE ANGLE, PROI'UlSIVE EffiCIENCY. "NO SHROUD THRUST IN CRUISE; AHO liFT, QRAG,
AHD POWER COEFF AND PITCHING AND ROLLING MOMENTS IN TRANSITION.

X I I I I I I SHROUDED PROI'ELLER tN MOVER, RE ....RWARD MOTION, AND FORWARD MOTION. BLADE PITCH
VARIED FROM ~ TO 26", 8LADE TWIST ZERO. DIFfUSION AP'PROX 15" IHAlF ....NGLU fU"IoiI
MEASURED. SHROUD PRESS DISTRl8lJTION, STAGNATION·LlNE LOCATION. AND SHROUD THRUST
fOR 3 CASES OF MOTION AT SEVERAL PROI' PITCH ANGLES, PROI' ROTATIONAL SPEEDS, AND
VEHICLE LINEAR SPEEDS. TUFT STUOIES OUTSIDE OF DUCT•

PROGRAM SUMMARY Of UNIV OF WICHIT.... DUCTEDPRDPELlER RESEARCH, NO DATA BlJT SOIolE
MODEL GEOMETRIC CHARACTER1STICS GIVEN.

SEMtSPAN WING WITH OOAK DUCTED FAN MOUNTED ON WING TIP IN AMES 40- .80.fT TUNNEL
DIFFUSION ANGLE NOT GIVEN. EFfECT Of WING ANGLE OF ATTACK ON OO'NNWASH. EFfECTS OF
EXIT VANE DEFLECTION. AIRPLANE WEIGHT AND DISC LOADING, AND LIP STALL ON DUCT
PITCHING MOMENT FROM HOVER TO CRUISE. LIFT AND PITCHING MOMENT FOR DUCT AND DUCT
PLUS WING.
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9.3.1 DUCTED-PHOPELLER LIFT VARIATlON II'ITH

POWER AND A."'GLE OF ATTACK

The primary purpose of enclosing a propeller in a duct is to incr~a.e the thrust
generating capability in the static and low subsonic speed regimes for a given
propeller diameter and power input. Because of strong mutual interference effects,
the ducted-propeller aerodynamic characteristics are vastly different from those of
a free propeller and an annular airfoil. The forces and moments acting on a dueted
propeller may be considered as arising from the propeller forces, the duct forces,
and the mutual interference of the duct and propeller.

As a consequence of the input of mechanical energy to a propeller delivering positive
thrust, there is a pressure rise at the propeller disk, which is subsequently trans
formed into kinetic energy in the slipstream. If the propeller is enclosed within
a fairing, a further velocity increment is produced at the propeller, which must be
superimposed on the propeller flow. If this velocity increment is positive, the mass
flow and consequently the total thrust are increased. This increase in force acts on
the duct, and its magnitude depends upon the velocity increment due to the duct and
the propeller loading. In addition, the mutual interference of the duct and pro
peller and other bodies which may be present results in an induced circulation, which
may either increase or decrease the internal mass flow.

The Datcom metbods presented for estimating forces and moments on ducted-propeller
configurations require knowledge of only the total internal axial thrust rather than
the thrust due to the propeller and to the duct at angle of attack. However, the
fundamental phenomenon of ducted-propeller aerodynamics may be clarified somewhat by
an analysis of the division of loads between the duct and the propeller.

The results of an investigation of the division of the forces and moments between a
duct and a propeller of a ducted propeller are reported in reference 6. The investi
gation covered an angle-of-attack range and an advance-ratio range typical of the
transition of a tilt-duct VTOL aircraft.

Figures 9.'3.1-10aand 9.3.1-10b, reproduced from reference 6, present a comparison
of the normal force, thrust force, and pitching moment on the propeller with the
total model forces and moments, for an unstalled and a stalled duct, respectively.
The unstalled configuration is the basic symmetrical duct shape modified by the
addition of leading-edge fairings. These results show that the normal force and
pitching moment acting on the propeller and spinner are relatively small in compari
son with the total normal force and pitching moment of either the stalled or unstalle
unit and that the duct is the primary source of normal force and pitching moment.

Figure 9.3.1-12, reproduced from reference 6, presents the variation of propeller
thrust relative to total thrust with angle of attack for both the unstalled and the
stalled duct configurations. In hovering (V/ndp eO), the propeller carries approxi
mately 40 percent of the total thrust. At the highest value of the advance ratio
tested, the propeller carries approximately 70 percent of the total thrust when a
is near 00. For the unstalled operation, the propeller thrust ratio generally
decreases with increasing angle of attack at a constant advance ratio. Beyond the
stall the propeller thrust ratio increases with increasing angle of attack at a con
stant advance ratio. The increase can be attributed to the reduction in d"ct thrust
caused by the lip stall.

9.3.1-1



Unpowered conditions correspond to a duct exit-velocity ratio of approximately 1.0.
The exact valuo: depends on the cireulation about the duct. Annular wing reports,
such as reference 2, may be used to estimate the forees ond JJJ:lments on on unpowered'
ducted propeller at ongle of attack.

For convenience, the methods presented in subsequent Sections provide wind-axis aero
dynamic foree coefficients: conventional lift and drag coefficients normal and parallel
to the free stream. The aerodynamic foree ond JJJ:lmBnt coefficients are referred to
free-stream dynamic pressure.

Ducted propeller forees and moments are compared with those predicted by the Datcom
methods in this ond the following Sections. The experimental data represent a "ide
variation of duct and propeller variables over angle-of-attack and advance-ratio
ranges typical of the transition range of a tilting duct VTOL aircraft. Experimental
axial-throst values have been used in the Datcom method calculations. A comparison
of some of the pertinent geometric and aerodynamic parameter variations of the test
configurations can be made by referring to the reference list of this Section and the
reference list and table 9. 3-A of Section 9.3. The Datcom methods are based on modi
fications to simple momentum theory and do not account for the possible wide variation
in design parameters.

The lift predicted by the Datcom method of this Section compares favorably "ith test
results throughout the range of the investigation. On the other band, the pitching
moment aqd drag predicted by the Datcom methods of Sections 9.3.2 and 9.3.3,
respectively, vary noticeably from experimental results.'

The method presented in this Section for the estimation of the lift of a ducted
propeller is expressed as the sum of the li!"t components resulting from the internal
and external mass flo"s. The internal-mass-flow component is estimated on the basis
of simple momentum theory "ith empirical flow-turning corrections as a function of
the duct aspect ratio and the duct edl.-velocity ratio. The external-ma..-flO"
component is estimated on the basis of empirical modifications of the data of
references 1 and 2.

DATCOM METHOD

The method presented for the estimation of ducted-propeller lift coefficient is
expressed as the sum of the components resulting from the internal and external
mass flows. This approach is sUlllD81"ized by

dDl• -- 1
2

"here

sin 6tf + CLe 9.3.1-a

CLi is the lift coefficient resulting from the internal maBS flO"

9.3,1-2



CL is the lift coefficient resulting from the external mass flov. It is
e obtained from figure 9.3.1-13 aa a function of duct aspect ratio and angle

of attack. Figure 9.3.1-13 is based on empirical modifications of the
data of references 1 and 2.

5if is the net turning angle of the internal flov including pover effects.

The basic approach to the solution of equation 9.3.1-a is aa follovs:

1. Determine the turning angle of the internal flov neglecting the
effects of pover.

2. Determine the exit-velocity ratio Ve/Voo '

3. Detennine the net turning angle of the internal flov including pover effects.

4. Evaluate the internal-flov lift contribution using the tenns obtained in
steps 2 and 3 above.

The results of reference 2 indicate that the lift-curve slope of annular vings is
twice that of plane unswept wings of the same aspect ratio. Based on simple IIlOmentum
theory, the usual small-angle approximation, and the assumption of no lip separation,
the turning angle of the internal flow, neglecting power effects, is

9.3.1-b

The unpowered, internal-flow turning angle relative to duct angle of attack is
presented in figure 9.3.1-14 as a function of duct aspect ratio. Figure 9.3.1-14
is based on the unstalled test data of reference 2 and equation 9.3.1-b.

Addition of power causes further turning of the internal flow. This turning occurs
forward of the propeller plane because of the closed boundaries of the duct. The
flov is assumed to pass through the duct normal to the propeller plane, and the total
velocity increase imparted to the internal flow (Vi) is assumed to be the difference
between the duct exit velocity and the free-stream velocity. This results in the
following expression for the net turning angle of the internal flow, including pover
effects (see figure 9.3-11b).

sin &10 + (Ve - Voo) sin an ]
Ve

9·3.1-c

The total lift contribut ion of a ducted propeller is obtained from the procedure
outlined in the following steps:

Step 1. Determine the turning angle of the internal flow, neglecting power
effects, by

9·3.1-d
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A~
"here __0 1s obts1ned from f1gure 9.3.1-14 as a fUnction of duct

Lon
aspect ratio.

Step 2. Determ1ne the ex1t-veloc1ty rat10 us1ng

",here

1+)1 + 2'1'1

V q", Be
e
-s

Voo 2

1s the flo" area at the duct ex1t plane • ~ [1 -(:c:Y]
1s the total 1nternal ax1al thrust (an = 0), obta1ned as the sum of the
net ax1al thrust Tnet and the external duct drag.

9.3.l-e

9.3.l-f

Estimat10n of the net ax1al thrust 1s a ducted-propeller performance problem
and 1s consequently outs1de the scope of the Datcom. A propuls10n eng1neer
should be consulted for th1s parameter.

The external duet drag CDe"here CD • -CF
e Xe

1s obta1ned from f1gure 9.3.3-4 at aD • 00 ,

Step 3. Us1ng equat10n 9.3.l-c, obta1n

from Steps 1 and 2 above.

6J.f ,,1th the 6J.o and values

Step 4. Determ1ne the 1nternal-mass-flo" l1ft-coeff1c1ent contr1but10n by

CL1 s «2
AD

[1 {:;r](~:Jsin ~1f
Step 5. Obta1n the 11ft coeffic1ent CLe from f1gure 9.3.1-13 as a fUnction of

the duct aspect rat10 and angle of attack.

Step 6. The total 11ft coeffic1ent 1s g1ven by equat10n 9.3.l-a

A compar1son of test data ,,1th ducted-propeller 11ft coeff1c1ents cOM?uted by th1s
method 1s shown in Table 9.3.l-A.
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Sample Prohlem

Given: The ducted propeller configuration of reference 1

deB ~ 1.208 ft c • 2.75 ft SD • 12.45 sq ft

Additional Characteristics

V<D~ 93.5 ftlsec

Compute:

Tnet • 635 lb Sea level ~. 10.4 lb/sq ft

Step 1. Detennine the turning angle of· the internal mass flow without power effects.

de 4.525 1.645AD ",-·--·
c 2.75

l>~
---- • 0.830 (figure 9.3.1-14)
ooD

6io • aD(:~o) (equation 9.3.1-d)

• (30)(0.830)

• 24.9 deg

Step 2. Determine the exit-velocity ratio

CDe • ~CFXe • 0.022 (figure 9.3.3-4, at aD • 0)

Ti • Tnet + CDe 'leo SD (equation 9.3.1-f)

• 635 + (0.022)(10.4)(12.45)

• 637.7 lb

2 2 2 2

Se • «:e [1 _ (;:) ]. «(4.,25) [ 1 _ (~::~ ]

• 16.10 (0.9295)

• 14.97 sq ft

1+)1 +~~1Se
2

(equation 9.3.1-e)
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j 637.7
1 + 1 + (2) (10.4)(14.97)

.---..l~__~:.::J,;~~

2

1 + ../1 + 8.19•
2

Step 3. Detennine the ne~ turning angle of the internal IIIllss flow, including
power effects.

-1 tv sin !lio + (Ve - V \ sin aD] )&i :::; sin (J) <Ill (equation 9.3.1-c
f Ve

i
·-1 [(93.5)(0.421) + (189 - 93.5)(0.50)]

• s n l 189

• sin-1 (0.4609)

• 27.45 deg

Step 4. Dete".ine the 11ft-coefficient contribution of the internal .... :f'lov.

(equation 9.3.1-g)

Step 5. Detemine the 11ft-coefficient contribution of the external ....sa flow.

eta • 0.69 (figure 9.3.1-1~

Solution:

CL • CLi + Cx." (equation 9.3.1-a)

• 4.53 + 0.69

• 5.22

'!'hI S oorrespcndc to an experimentn1 value of 5.110 obtained from reference 1.
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TABLE 9.].I·A

DATA SUMMARY AND SUBSTANTIATION

DUCTED PROPELLER LIFT COEFFICIENT

ao VO) Ti Ve 1\0 &:1 CL CL ~Reference deg J fps lb VcJ:) deg de~ Cslc Test Error

1* 15 0.62 165.5 251.6 1.21 12.4 12.85 1.31 1.3 .8
c • 2.75 1't I 0.48 128.0 456.3 1.52 I 13.28 1.79 1.8 - .6
de • 4.525 1't 30 0.62 165.5 251.6 1.21 24·9 25.78 2.23 2.6 -14.2An • 1.645 I 0.48 128.0 456.3 1.52

I
26.61 3.16 3.6 -12.2

dCB • 1.208 1't 0.35 93.5 637.7 2.02 27.45 5,22 5.4 -3.3
0.28 74.8 743.9 2.49 27·93 7.69 8.3 -7·3

45 0.48 128.0 456.3 1.52 37.3 39.82 4.17 5.3 -21.3

I
0.35 93.5 637.7 2.02 I 41.10 7.07 8.0 -11.6
0.28 74.8 743.9 2.49 41.80 10.59 12.4 -14.6
0.22 58.8 820.0 3.13 42.44 16.52 18.0 -8.2

60 0.42 112.0 535.1 1.70 49.7 53.65 6.06 8.0 -24.2

I
0.28 74.8 743.9 2.49 I 55.54 12.77 14.8 -13·7
0.22 58.8 820.0 3.13 56.41 20.06 23.4 -14.3
0.17 45.4 894.0 4.03 62.2 57.18 33.26 32.0 3.9

75 0.35 93.5 637.7 2.02 I 67.77 9.28 11.2 -17.1
I 0.22 58.8 743.9 3.13 70:~,3 22.34 25.4 -12.0

90 0.22 58.8 743.0 ~.13 74.6 81. 0 2~.28 27.S -lS.~
3

88.2 3.18 25.6 28.60 11.56 -6.8c • 0.794 1't 30 0.35 75.0 10.77
de .1.16 1't

I
0.35 100.0 256.0 3.85 I 28.84 15.60 16.24 -3.9

Ari • 1.46 0.70 I 53.2 2.11 27.90 5.01 5.26 -4.8I";;' • 0.348 1't
4 jU u.j' 100.0 2b2.5 3.93 26.25 29.03 14.49 15.49 -6.5

c ~ 0.895 1't I 0.50 I 115.4 2.80 I 28.65 7.59 8.20 -7.4
de .1.16 1't 0.70 45.0 1.99 28.10 4.09 4.78 -14.4
AD .1.296 45 0.25 75.0 323.9 5.55 39.38 43.95 40.11 40.27 -.4
deB • 0.348 1't I 0.35 I 147.6 3.93 I 43.52 20.26 21.59 -6.2

0.50 64·9 2.80 42.93 10.47 11.55 -9.4
60 0.20 50.0 146.4 5.59 52.5 58.54 49.68 50.46 -1.5

I 0.30 I 57.7 3.72 I 57.8 22.12 23.04 -4.0
0.40 28.8 2.80 57.15 12.39 13.18 -6:0

75 0.20 40.0 93.7 5.59 65.63 72.96 55.40 49.00 13.1

I 0.30 I 36.8 3.72 I 71.73 24.39 25·39 -3.9
0.40 18.5 2.80 71.14 13.90 14.55 -4.5

90 0.20 30.0 52·7 5.59 78.75 85.30 57.35 55.99 2.4
I 0.30 I 20.7 3.72 I 84.00 25.4 26.18 -3.0

0.40 10.4 2.80 8~.2' 14.<0 14.77 -2.6
5 . 20 0.39 100.0 75.53 2.2b 15.10 17.01 5.53 5·73 -3·5c • 0.58 1't I 0.292 141.20 2.86 I 18.27 8.62 9.31 -7.4

de • 1.246 1't 0.25 194.86 3·25 18.48 11.08 12.48 -11.2An • 2.15 30 0.39 75.53 2.26 22.65 26.69 7.85 7·59 3.4dCs • 0.348 1't I 0.292 141.20 2.86 I 27.38 12.39 12.99 -4.6
0.25 194.86 3.25 . 27.69 15.99 17.60 -9.1

*'feR results include wing-duet interference effects.
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TABLE 9.3.1-'\ (CONTO)

C
t

e
an Veo T1

Ve 510 51f Ct 1-
Reference deg J fps lb V.. deg deg Calc Test Error

5 (con't) 20 0.39 100.0 73.89 2.37 15.56 18.n 5.64 5.21 8.3
c • 0.58 ft I 0.292 132.35 2.96 I 18.49 8.59 8.61 -.2

0.25 177 .20 3.33 18.65 10.79 10.80 -.1
de = 1.160 ft 30 0.39 73.89 2.31 23.34 21.14 8.02 1.22 11.1
AD • 2.0 I 0.292 132.35 2·96 I 21.11 12.34 12.29 .4
deB • 0.348 ft 0.25 177.20 3.33 21.96 15.56 15.92 -2.3

40 0.39 73.89 2.37 31.12 36.13 10.12 8.66 16.9

I 0.292 132.35 2.96 I 36.89 15.69 14.52 8.1
0.2S 177.20 ~.,' ,7.2, 19.84 18.60 6.7

6 10 0.595 100.0 18.8 1.39 8.30 8.80 1.08 1.06 1.7
c • 0.859 ft 15 12.50 13.18 1.59 1.59 0
de • 1.41 ft 20 16.60 17.56 2.03 1.95 4.1
AD • 1.64 30 24.90 26.30 2.75 2.75 0
deB • 0.358 ft 40 33.20 35.00 3.32 3.39 -2.1

45 37.40 39.31 3.58 3.59 -.3

Average error •~ • 7.11
n

9.3.1-9
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(3) UNSTALLED CONFIGURATION
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~U.2 llllCTEll·I'!lOPELLI·:H P1T(,HING·~lmlE\lT VAIUATIUN
WITII POWEll A'\1l AI"GLE UF ATTACK

This Section presents a method for estimating ducted-propeller pitching moments
as functions of power and angle of attack. The basic discussion in Section 9.3.1
is directly applicable to this Section, and the reader is referred to that discussion
for a general description of the fundamental phenomenon.

DATCOM METHOD

The method presented for estimating ducted-propeller pitching moments is based
on ring vortex and simple momentum theories with empirical modifications.

The pitching moment consists of three component parts:

A circulation-induced IlDment which in effect causes a shift
in axial duct forces (essentially a shift in thrust axls.)
A moment due to tl)e 11ft component
A moment due to the negative drag component

The circulation-induced moment is always positive (nose-up) and increases with
increasing power. The last two components also increase in magnitude with pover
but may be positive or negative depending upon the location of the ducted-propeller
center of pressure. This method assumes the center-of-pressure location to be
independent of power and angle of attack and to be on the duct axis at the unstalled
center-of-pressure location of the undiffused annular wings of reference 2.

The pitching-moment contribution of a ducted-propeller configuration, based on the
duct planfo.... area and duct chord and referred to an arbitrary moment center, ie
given by

where the first te.... on the right-hand side is the circulation-induced _ent as
derived by Sacks in reference 1, modified by the empirical relation for the net
turning angle of the internal flow, discussed in Section 9.3.1. The last two terms
are the components due to 11ft and drag.

Ve
V

oo
is the exit-velocity ratio, obtained from equation 9.3.1-e

Plif is the internal-flow turning angle, including the effects of power,
obtained from equation 9.3.1-c

is the total 11ft coefficient of the ducted propeller, obtained froll
Section 9.3.1

Cp
It

is the total negative drag coefficient of the ducted propeller, obtained
from Sectten 9.3.3

9.3.2-1



x- :
c

"rr.
c

( "m Xcn )c: -~ , the chordwlse distance, in duct chords, from the reference center:

to the unstalled duct center of pressure, positive for the center of pressure
ahead of the reference center

is the chordwise distance, in duct chords, from the duct leading edge to the
reference center, positive aft of the duct leading edge

x
:sg is the chordwise distance, in duct chords, from the duct leading edge to the

c center of pressure of the unstalled duct, positive aft of the duct leading edge.
It i .btained as a function of duct aspect ratio from.figure 9.3.2-6.

A comparison of test data with ducted propeller pitching-moment coefficients computed
by this method is shown in table 9.3.2-A.

Because of the number of variables involved in the ducted propeller problem and the
design parameters not considered in the Oatcom method, the comparison between theory
~,1 experiment cannot be analyzed by examining the isolated effect of one variable.
Ho"e"~T', it is felt that one important factor pertaining to the test conditions of
the available data, namely scale effect, should be considered before assessing the
accuracy of this method. The data presented in reference 1 of table 9.3. 2-A are the
only available test results of a large-scale ducted propeller in the non-axial flow
regime. Although experimental data on similar models of different scale are needed
for the proper evaluation of the scale effect, it is felt that the low Reynolds numbers
of small scale tests will appreciably affect the stalling characteristics of the duct.
Therefore, comparison of calculated and laTRe-scale experimental results of reference 1
in tllbl" «.3.2-A is more indicative of the accuracy of the method than comparison with
the other reference data.

Sampl. Probl....

Given: Same ducted propeller confi~uration as sample problem of Section 9.3.1. Some
of the characteristics are repeated belove

de • 1'.525 ft dCB = 1.;>08 ft

AO • 1.645 So • 12.45 sq ft

Additional Characteristics

c • 2.75 ft

Sea level

Moment reference center at 0.49c

Compute:

'Iu.. 10.4 lb/sq ft

• 2.02

CL • CL + CL • 5.22
i e

9.:U·2

1
(sample problem Section 9.3.1)



CF = ·:.455 (""",pIe problem Section 'J.·j.3)
x

xcp = 0.266 (figure 9.3.2-6)
c

c (0.49 - 0.266)

E 0.224

Solution:

- CF
x

sin 00) (equation 9.3.2-a)

c .(1~645) (2.02 - 0.8874)(0.50) + 0.224 1(5.22)(0.866) - (3.455)(0.50)1

a (2.58)(1.1326)(0.50) + 0.224 (2.792)

• 2.085

This corresponds to an experimental value of L899 obtained from reference L

REFEREHCES

L Sacks, A. B.: The Flying Platform as a Researc:h Vehicle for Ducted Propellers.
Institute of Aeronautical Sciences Preprint No. 832, 1958. (U)

2. Fletcher, H. S.: Experimental Investigation of Lift, Drag, and Pitching Moment
of Five Annular Airfoils. NACA TN 4117, 1957. (U)
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TABLE '.].l·A-

DATA SUMMARY AND SUBSTANTIATION

DUCTED PROPELLER PITCHING·MOMENT COEFFICIENT

CL CF
Ve

x e
b ap Table Table x c", c",

~
Ref deg J VCIl 9.3.1-A 9.3.3-A c Calc Te8t Error

Ie 15 0.62 1.21 1.31 0.33 0.224 0.42 0.50 -16.0
I 0.48 1.52 1.79 1.61 0.67 0.70 -4.3

r 0.62 1.21 2.23 -0.135 0.64 1.00 -16.0
0.48 1.52 3.16 0.915 1.32 1.10 20.0
0.35 2.02 5.22 3.46 2.035 1.90 9.5
0.28 2.49 7.69 6.79 2.81 2.60 8.1

45 0.48 1.52 4.17 -0.010 2.02 2.10 -3.8

I 0.35 2.02 7.07 1.91 3.12 2.85 9.5
0.28 2.49 10.59 4.49 4.15 4.35 -4.6
0.22 3.13 16.52 9.22 5.52 5.20 6.2

60 0.42 1.70 6.06 -0.724 3.29 3.30 -0.3

I 0.28 2.49 12.77 1.69 5.41 5.10 6.1
0.22 3.13 20.06 4.75 7.08 6.50 2.9
0.17 4.03 33.26 10.'(2 9.44 7.80 21.0

75 0.35 2.02 9.28 -1.90 5.03 4.458 13.0

J>
0.22 3.13 22.34 -0.237 8.29 7:~. 4.9
0.22 3.13 23.28 .4.60 8.72 8. 8 2.~

3 i 0.35 3.18 10.77 12.70 0.283 3.40 2.94 15.6

I 0.35 3.85 15.60 20.60 I 4.29 3.24 32.4
0.70 2.11 5.01 ':1.80 2.02 1.71 18.1

4 30 0.35 3.93 14.49 17.33 0.353 4.48 3.86 16.1

I 0.50 2.80 7.59 7.18 3.01 2.52 19.4
0.70 1.99 4.09 2.42 1.95 1.68 16.1

45 0.25 5.55 40.11 30.2 9.43 7.938 10.9

I 0.35 3.93 20.26 12.86 6.45 5.71 13.0
0.50 2.80 10.47 4.84 4.38 3.76 16.5

60 0.20 5.59 49.68 19.14 11.83 9.748 21.5

I 0.30 3.72 22.12 6.04 7.69 6.558 17.4
0.40 2.80 12.39 1.98 5.55 4.948 12.3

75 0.20 5.59 55.40 5.89 13.45 10.088 33.4

I 0.30 3.72 24.39 0.435 8.79 7.158 22.9
0."<> 2.80 13.90 -1.205 6.53 5.548 17.9

90 0.20 5.59 57.35 -6.22 0.353 13.38 13.26 0.9

I 0.30 3.72 25.40 -4.82 I 9:~ 8.40 8.1
0.40 2.80 14.'1Q •4.08 6• 6.':11 0.2

a Refer 1;() Table 9.3.1-A for additional eharacter18t1c8
b The... refe........e. are foUDd in Section 9.3.1
c Teat result. include v1D&-duct interf.rence effect8
• Stalled
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TABLE 9.3.l-A" (CONTO)

CL CFx e
an Ve Table Tab1~A x c,. Cm ~

Refb deg J Voo 9.3.1-A 9.3.3- c Calc Test Error

5 20 0.39 2.26 5.53 . 7.79 0.208 2.01 1.59 26.4

I 0.292 2.86 8.62 15.17 2.79 1.91 46.1
0.25 3.25 11.08 20.76 3.32 1.99 66.8

30 0.39 2.26 7.85 6.69 2·99 2.20 35.9

I 0.292 2.86 12.39 13.19 4.15 2.90 43.1
0.25 3.25 15.99 18.53 4·91 3.31 48.3

20 0.39 2·37 5.64 8.20 2.05 1.33 5".1

I
0.292 2.96 8.59 15.01 2.78 1.82 52.7
0.25 3·33 10.79 20.23 3.24 2.19 "7.9

30 0.39 2.37 8.02 7.05 3.04 1.81 68.0

I 0.292 2·96 12.34 13.25 4.11 2.5" 61.8
0.25 3·33 15.56 18.02 4.78 2.79 71.3

40 0.39 2.37 10.12 5.58 4.02 2.34 71.8

I 0.292
~:~

15.69 10.96 5.40 3.31 61.3
0.2~ 19.84 15.11 6.27 ~.72 65.5

6 10 0.595 1.39 1.08 1.19 0.174 0.403 0.219 ti4.0
15 1.59 1.05 0·593 0.359 65.2
20 2.03 0.87 0.77 0.47 63.8
30 2.75 0.43 1.09 0.72 51.4
40 3.32 -0.90 1.41 0.94 50.0
45 3.58 -0·37 1.52 1.064 42.9

Average error ~ Lie I = 29.5~

a Refer to Table 9.3.1-A for additional characteristics
b These references are found in Section 9.3.1

n
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9.3.3-a

9.3.:1 DUCTED-I'ROf'ELLER DR,\G VAHL\TIO:\
WITH POWER AJ~il ANGLE OF ATTACK

This section presents a method for estimating dueted-propeller drag as a function
of power and angle of attack. The basic discussion in section 9.3.1 is directly
applicable to this section, and the reader is referred to that discussion for a
general description of the fundamental phenomenon.

DA TeOM METHOD

The method presented for estimating ducted-propeller drag is expressed as the sum
of the components resulting from the internal and external mass flows. The theoretical
basis of this method is the same as that of the Datcom 11ft-estimation method of
section 9.3.1.

'!he negative drag coefficient of a ducted propeller is given by

CF • "AD [ 1 _ /dcN]VVe Y' cos5;. _ (Ve)]+ CF
x 2 \de "} ~VCllJ f V(ZJ xe

where the first term on the right-hand side is due to internal flow and iti estimated
on the basis of simple momentum theory modified by the empirical relation for the net
internal-flow turnir~ angle, discussed in section 9.3.1.

is the exit-velocity ratio, obtained frvm equation 9.3.1-e

is the net turning angle of ~he irt,ernal flow, obtained from
. equation 9.3.1-c

1s the external negative drag coefflcien+., resulting from the external
flow, obtained from figure 9.3.3-. as a l'.. :otion of duct aspect r",',io and
angle of attack. Figure 9.3.3-4 i5 based on ~mpirical modifications of
the data of references 1 and 2.

A comparison of test dota with ducted-propeller drag coeffic.'mts computed oJ tilis
method is shown in table 903.3-A. The measurement of drag invol.ves the difference
between the components of the thrust force and the normal force and is inherently
less accurate than the measuz'er.,ent Dr the lift force. At a tunnel velocity n~ar

that for steady level flight (8yx • 0), slight errors in drag measurement can result
in test values with an opposite sign than that predicted by theory; and per~ent

error becomes incalculable, although the actual magnitude of the difference may be
less than that for lift. Consequently, a comparison of theory and experiment in
this area may be misleading when ::.:>resented in terms of percent error. Theref':lre, a
summary of the results presented 1n table 9.3.3-A is presented as a weighted error.

Sampl. Pl'Obl.".

Given: same dueted-propeller configuration as sample problem of section 9.3.1.
Some of the characteristics are repeated below.

de • 4.525 ft

AI) • 1.645

dCB = 1. 2l)!J ft

3D • 12.45 sq ft

c • 2.75 ft

9.3.:l-1



Add1UOIIIIJ. Cbaracter1s~ics

Veo • 93.5 tt/sec

~ • 30"

sea left1

Qa). 10.4 lJ>/sq tt

(~ problem Sec~iQD 9.3.1)}

{1 -(~t]· 0·~5

e-pute:
Ve
-~.~ • 2.02
Veo

&it • 'Z7 .450

Or • -0.395 (tigure 9.3.3-4)
Xe

SolutiODI

~" • ~D [ 1-t:)2][(;;)cos&it - (~;Jt CFXe (equation 9.3.3-a)

• 8(1.:45) (0.9295) l (2.02)2(0.8874)-(2.02)\ + (-0.395)

• {2.41)(1.60) -0.395

• (3.455)

~. , .:orresponda to an exper:lJllental value ot 3.785 obta1Jled rn. reterence 1.

REFEREHCES

1. Mort, \C. W., IUId Yaggy, P. P.: AeroclynBa1c CbarlIcterinics ot a Pour-Foot
D1aaeter Ducted Pan Mounted 011 the Tip ot a SeIIl1-8pul Wing. IIASA 'l'IJ D-1301,
1962. (U)

2. Pletcher, B. S.: kper1lllelltal IDvestigatiol1 ot Lift, Drag, IUId Pitching JIoMI1~

of'.Pive Annular Airfoils. MeA '1'1 4117, 1957. (u)
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TABLE 9.l.3-Aa

DATA SUMMARY AMD SUBSTANTIATION

DUCTED-PROPELLER DRAG COEFFICIENT

I7x I7X
e

c,.X c,.X e

llafb
an Ve ~ bOn Ve ~
deg J Va> Calc Test Error Ref deg J VlD Calc Test ErroJ

c 0.62 0·38 0.40 -5.0 4 60 0.40 2.80 1.96 1.02 94.]1 15 1.21
I 0.48 1.52 1.61 1.70 -5.3

7f
0.20 5·59 5.89 2.110 145.1

30 0.62 1.21 -0.135 0.10 - 0.30 3·72 0.1<3~ -0.63 -
I 0.48 1.52 0·915 1.30 -29.6 0.40 2.80 -1.20~ -2.22 -45.7

0.35 2.02 3.46 3.80 -9·1 90 0.20 5.57 -6.22 12.3. -49.6
0.28 2.49 6.79 7·50 -10.6 I 0.30 3.72 -4.82 -7·91 -29.1

45 0.48 1.52 -0.01 0.20 - 0.110 2.80 -4.08 -6.'I'i -'I'i.7

I 0.35 2.02 1·91 2.10 -9.0 5 20 0.39 2-:-26 7.79 6.70 16.3
0.28 2.49 4.1<9 5.30 -15.3 I 0.292 2.86 15.17 13.50 12.4
0.22 3.13 9.22 11.20 -17.7 0.25 3.25 20.76 19.09 8.7

60 0.42 1.70 -0.724 -0.50 44.8 30 0.39 2.26 6.69 4.66 43.6

I
0.28 2.49 1.69 1.40 20.7 I 0.292 2.86 13.19 10.80 22.1
0.22 3.13 4.75 5.90 -19.5 0.25 3.25 18.53 15.30 21.1
0.17 4.03 10.72 10.40 3.1 20 0.39 2.37 8.20 5.87 39.7

7r 0.35 2.02 -1.90 -2.40 -20.8

~
0·292 2.96 15.01 12.10 24.0

0.22 3.13 -0.237 -0.60 -60.5 0.25 3.33 20.23 16.94 19.4
100 0.22 1'I.l~ -4.60 -7.'10 -'17.0 0.39 2.37 7.05 4.38 61.0

3 30 0.35 3.18 12·70 10·90 16.5 I 0.292 2.96 13.25 9.73 36.2

I I 0.50 3.85 20.60 16:~ 21.9 0.25 3.33 18.02 13.73 31.2
0.70 2.11 'i.80 2. 41.~ 110 0.39 2.37 5·58 2.70 106.7

4 30 0.35 3·93 17.33 17.39 -0.3 I 0.~~2 2.96 10.96 7.03
~t~I 0.50 2.80 7.18 6.94 3.5 0.2 !'I."'I 1'i.11 8.66

0.70 1.99 2.42 2.63 -8.0 6 10 0.595 1.39 1.19 1.204 -1.2

4f
0.25 5.55 30.2 28.65 5.4 15 1.05 1.126 -6.7
~.35 3.93 112.86 12.50 2.9 20 0·87 1.00 -13.0
~.5O 2.80 4.84 1<.58 5.7 30 0.43 0.704 39.8

60 ~.20 5.59 119.14 18.36 1<.2 40 -0·90 0.188 -
I 10.30 3.72 6.04 5.19 16.1< 1<5 -0.37 -0·303 18.2

Weighted error •~t21.~
LICrz.,estI -

a Refer to Table 9.3.1-A for IIIId1t1oDal characteristics
b 'file.. referaces are fOUDd in 1lect1on 9.3.1
c !relit reaulta contaiJJ v1JJg-4uet interference effecta

9.3.3.3
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