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7 DYNAMIC DERIVATIVES

% Dynamic derivatives are associated with those aerodynamic forces and moments caused by the
angular velocities and linear accelerations of the vehicle motion. A detailed discussion of wing,
body, and wing-body dynamic derivatives is given in the introduction to each of the subject
sections. In most cases the methods presented are based on theories that necessarily assume
attached-flow conditions. They are thus limited to low angles of attack except for high-aspect-
ratio wings below stall at subsonic speeds.

"In general, dynamic derivatives for attached-flow conditions are smaller and of less importance
than those for separated-flow conditions. For separated-flow conditions the derivatives become
functions of the amplitude and frequency of oscillation. Such conditions exist on low-aspect-
ratio wings and bodies at all speeds and at all angles of attack except for a narrow range around
zero.

Becauoc of the limited amount of data at high angles of attack and the complexity of deriving

adequate generalized methods, particularly for the frequency and amplitude variations, no
methods are presented that cover separated-flow conditions. Rather, a literature summary is

presented in table 7-A and a bibliography on pages 7-1 through -10.
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TABLE 7-A

DYNAMIC DERIVATIVES

SRef. Oerwtiw A IdegI x M Freq. Ampi. Config.

2 Cm +C - - .S*1,5 X X

3Cmq, + Cm 4 45 LE 0 .10 -ý1. x x We

4 Cmr + Cm. C%. Cnp, 2.2 60 LE .03 .25-"96 X X WS

C% -C.,CCnr, Cn.

C 10 2 c/4 . Low speed W
52 421
2.5 62

6 Cm + Cm 45 c/4 .2 .70 -1.15 X X WBHV, BHV,
I. -, WBH, WaV

Cnr - Cn* coS %X

7Cy CnC, Cer 2.63 45 c/4 1.0 .13 - W. W

8 Cy.Cn, Cer 2.61 45 c/4 1in .13 W. wa
r r r

9Cg Cn, .Cy 2,61 45 c/4 1.0 .17 W, We
p p p

10 Cn (theor.) 1.5,3.5,6 0, 30,45.60 c/4 0, .5,1.5 Low ipeed W
r

II Cp ltheer.) 1.5,3.5,6.10 0, 30,45.60 c/4 0, .5, 1.0 Lowspeed W
p

12 CnC C C 4.51 35 c/4 1.84 .17 We

Cnr' Cf CYr [ .3
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TABLE 7-A (CONTD)

"Ref. Derivative A (dog) A M Freq. Amni. Config,

13 CR Cy.Cn 2.A3 48 LE 1.0 .17 - - weW
p p p

14 Cp 4 45 LE 0 -+ 1,- W, we

15 Cep 3.7 0, 45 LE 1.0 W .- bw.e WWa

16 Cp 4.0 45 LE 0 W8-+1.7 WW8
0 c/2 .5

•, Cm +Cm- - - 1.1 -2A X -

19 C,C , Cep 2.61 0 c/4 .5, 1.0 .17 - - w
p p 45 c/4 5,25,! 0

""20 PCCp 1.47-0,4.0 0 "*45 LE 1.0,0 1.62,1.92 - - We"p,(12 configuratioi)

Cm.4 rot ALE tan-I 4-LE 0 Supronicn€ W
21 C Lq ! m 

A
"C2p (thoor.)

22 Cm: , Cep, Cnp, 2.44 27 LE .38 25 -+" .94 X X WBHV, WBV8, WB, BV,

"" : Cir - CC , CCn. 2 OE 0

Cnp, C 2.2 60 LE

Cr,. CR (theo,.)i

24 Cn 6 OLE 1.0 Lowup.d - .W
6.7 - .40 WB

26 Cn - Cn 231 60 LE 0 Low speed x K W
2.61 45 c/4 .25

C2 - C24 3.0 0 c/2 .

26 C r 1 "346 i E0 L 1 Low s e WLW Bi

2.61 45 hO. .25
4 45 .6

2.31 52.2 c/4 0

7 C +C 2 1,3 50.6604 0 .70-1.374
q 7W

29Cmq + C 
14,2

q Cn
CL.,C (theor.) PA-3-20 cot ALE .1 -400 0.25,6_,76 Suprsonrc W

PA -2 "*20 P cot AL El- - 1.0

30 2 63.4 LE 0 1.35-• 2.03 X x W eV

11 C 9.20 6 c/4 .40 Low speed xw, w e,

. ~WBV, WSHV
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rABLE 7-A (CONTO)

Rot. Derivative A (dog) A M A . Config.

Cmq C + Cm 2 6343 LE 0 .80 -1.35 - - We
3 53.07 LE

34 Cm + Cm .4 45 LE 0 .7-"1.35 - - We
3 37,51I .6. '

3.6 38.$ .4

35 Cmq + Cmi 4 40 €/4 .5 .80 " 1.36 - - WS

36 Cmq +Cma, -k
2 

Cml 1.56 70/75 LE - 2.4, 28, 3.6 X X WBHV,
q Wey,

C2 . co ,a + k
2 
C., WBH

Cn -c Cos 0ý

Cn •cos a+ k2Cn in

37Cp 4.5 0 LE 1.0 25-+1.45 - - We

38 CL.'"m.•CL' *Cm - Supersonic X X B

(theo.)

3
9Cm + -m- - .7-5.0 X X a

40 Cp 3.71 0 LE 1 .85 -+ 1.40 - - We

41 Cmq m 2 63,4 LE 0 .6-*1.18 X X We
"3 - .4065

""mqmq a , - .25"+ X XA

"Cry- Z;2 Cm

43 Cmq + Cm.- - 5,6,7,8 --

44- Cp, Cnp, Cp 2.61 -45 LE 1.0 .17 - - W

... p. p 5.16 0

2.61 45

1.34 600

45 Cm. + C Cm .4 (exposed) 0LE 1 4.8,8.08,10, X - I, Wa
q 0 q .aI 79 0 17

1.6 70 0

16 CL C C2 . 4 30 c/4 - 0"1.0 - - W
q , ,4 50 - o-1.o

Ce, 'nCp 2, 0 1.0 .

CRp (theor.) 30

4 0 1.0, 5

30

45

47 Cn 4 45, 0 c/4 .6 Low speed - - We
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TABLE 7-A (CONTD)

Rif. Derivative A (dog) M Fre,4. Ampl. Config.

48 CLq* Cm (theor.) -- Hypertonic i
49 Cr. Cnr, 2.31 60 LE 0 .13 W

. - CnC- -C 4 0, 45 c/4 ,6

r - r -

0 C 2.31 60 LE 0 .13 X X w
r,. 4 O, 45 c/4 .6

51 cGnp, 2.31 60 LE 0 .13 X X W, WB

52 Cy C CQ 3.60 41.57 LE .455 .13.16 W, W8
rp, pp

53 Cyp, Cnp CQ, 2 c/4 .5 .13 X x we

54 Cn - Cn ,Cer - Cký 2.31 60 LE 0.3 W

55 Cm + Cm 3 16 c/4 .49 "*1.3 6 W S ]

56 C7 + 1,87-6.02 1.9- 60 c/4 0-1.63 .6-*1.7 - WS

(18 configurations)

57 Cm + Cm 3 16c/4 .4 .8 - 1.4 - WB

58 CNq (theor.), C.nq, 1.456 70 LE 0 8.08 x 8,W

Cmq + Cm•

59 C , CnC 2.31 60 LE 0 .17 W, WB

p p p

60 Cp 1.34 459 0 -60 c/4 0-'1.0 0- 1.3 W

p -(22 configurations)

61 OQpCnp. Cyp 1.34 0 LE I. .13,.17 W
•" " 1451

P.p 60

"4 2.61 0= •€ I45

5.16 0

."62 O~,nCy .40LE 1f0 .17 -w

.. .. 2.81 0I 45

60

2.
5 6  0 .
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TABLE 7-A (CONTO)

Ref. Osrivative A (deg) ? M Freq. Amp|. Config.

63 Cý,Cyr' Cnr 1.34 0 LE 1.0 .13 - - W
r r

60
2.61 0

I45
60

5.16 0

60
1 '5

64 Cn,..r Cr2.61 .- 45 LE I.D .13 IN"

5.16

2.61 45

1.34 60

SCm +C (theor.) 2.83 45 c/2 .333 .92-1.35 X - w

•q

1 C24, Cmp, c~p.

CLI + .263 CL a i

other combinations

67 C Lq'C *CQC *A i 1 -20 0 LE 1.0 Supersonic W
Cq cmq' P, ,y
Cn~p'c r'CYr' Cn r. 

1•'

(theor.)

6B % or C,". C y orQ yr P. 0"-20 - Supersonic - -

C. Or Cn Itheor.)
p nr

69 % (theor.) 2,4 63 LE .5 1.2 - 2.6 W

2.4 0-60 .5 2

0-10 53 .5 2

24 53 0-1.0 2

PA - 3,4.5,6. 0coz A I1 0..25,.5.

8.10, 12,16, 20 .75,1.0

70 C .*Cm: (theor.) 1.07 75 LE 0 1 -5 W8
0 2.31 I6) 1 -+3

4 45 1 - 1.8

6.93 30 1 - 1.5

71 CR + Cqi wn a, 2.2 60LE 0 Lo" speed W-

Cn• Cn• cos 0

72 CQr.C (zneor.) 6,1.25 0 LE 1.0 W

73 Cm + Cm 3.57 35 .3c .565 .6-.96 W aI

74 CLC (thoor.) 2 60LE 0 .13 - -

75 CG 2.3 45,60 LE 0 .8-12 M R WB
p
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TABLE 7-A (CONTD)

A(

,, f. Derivative A (dog) M Freq. Am6WI. Config.

76 CLCm CLCm.• - - - .6,1.2 - - WBHV

q q a a
C C,'C Cnp

Yr' r r
(theor.)

77 Crn (theor.) - 7C -88 LE 0 10,17 - - W
m

78 Cm q + Cm .C~p o Cnr 1.96 -0.74 -+ 1.4 X X WVBHVq

S3.12 -45 c/4 .38 Low speed,
C+mC4.69 .30 40 high speed

4.62-0" .55

4.84 430 .44

3.64 45A2

81 Cr + Cm 2.01,3.02,4.56 X - B
q

82 Cyp, Cnp, .CQp 2.31 60 LE 0.13 - - W, WB

83 CYrCnCr 2.31 60 LE 0 .13 - -B

84 Cy, .Cnp CR 2.31 60 LE 0 .13 - W
1.07 75

454 0
3 .15

2 .36
I .58

85 C, ,Cn, 2.2 60 LE 0 LOw speed - WB
pp rhi8, C~p .Cnr 2.31 60 LE 0 Low speed X W

p r 2.61 45 c/4 .25
3.0 0 c/

2  
.50

87 p (theor.) 0 LE 1.0,0 Supersonic - W

8 Cm + Cm 3 36 c/4 .6 High sIubonic, - - W
q trmnsonic

"89 Cm + Cm. 2.309 60 LE 0 Supersonic - WB
q a

Cmq + Cm (theor.)

90 Cm4 + Cm, 2.0 63.4 LE 0 Transonic X x WO

. C + CMi (ther.)

91 Cmq + Cm. .904 62 LE .418 .8,,9,1.0,1.2 X x WB

Crir - Cn c lt, ait

5- -92 CLC 0m e'. 8ti, .e8 ~ B
qI
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TABLE 7-A (CONTU)

R-ef. Derivative A (deg) M Frvq, Ampl, Config.

93 Cp 4 3.6, 32.6,46 c/4 .6 .4-".91 w- W

94 C% 4 3.6,32.6,45c614 .6 .2-6-.91 - WE
2.31 6o LE 0

96 C 2  4 4 6 
c/4 .6 4 .9." - W

,: ~9 Cn- +Cyp

Q C. m&' 2.44 27 LE .38 2.5, 3 0D, 3.5 X X W Be, '

C -C cos, WHV

C,: CR, sion Q,

Cn + C.n, si Ct

97 CL a, C.CLq Cmq, 1.0 75.9 LE 0 Transonic X X W
C + 1,5 69.50

m m 6t.theor.1 2.0 63.4
q

2,5 68.

"3.0 53.1
3.5 48.8

4,0 45

' L 
0

mb, CLq mq, 1.5 e69. LE 0 Transonic X X 8, W,
2 .0 6 3 .4C m + Cm (lheor,) 25 

W8.

.
0
LQm, L&, mt 1.2 68.2 L .143 Subsonic X x wS2.0 I Subsonic x x

S3.0 -..9 x x
.389 Subsonc x x

10 C%% 2,81 45 L 1.0 .17 - W

101 CrC Cf 2.61 45 LE 1.0 .13 - W

102 C QCr,C 2,31 60 LE 0 Low speed X x W, Wr 4 45,0 c/4 .0

103 C . C C 4 46. c/4 .6 13 -w

104 (yr, Cnr, C 2.61 45 c/4 1.0O .M0..25 .13 - Wr 
:r

105 C , C n Cp 4 0/4 .6 ,17 -- W, WB

106 C, nr, Cr 4 46 c/4 .6 .13 -- W, WB

107 CR, -C 2  .53 8'2.5 LE 0 .1 K
1.07 7b 13

ell, Cn 2.31 60
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TABLE 7-A (CONI'D

.. A ll

Ref. Drstliw, A (do@) M Freq. Ampl. Config,

2.CYr. I C; Cyp 2.1 60LE 0 .13 X X

.- r - CI

109 C , Cnr Cyr 2.61 45 LE 1.0 .13 W

110 Cp 4 42.7 LE .61.15 W

111 CRO 4 0 c/4 .6.,.,.,WB
351 2 5, .9, 295, 1.0,

112 Cgp (theOr.) Low 46 LE 0, "1.0 Low W. we

113 Ck,,CnC•.cC , 3.56 45c/4 .3 .23-.94 x X 8,w,P p F rWBH, BN,

C, +0C N -C
niq m Cnr " hif WOHV,

CO - Cf. BHV, BV

114 C 6.38 0 LE 1.0 Subsonic -

6. 18.44 .333

115 Cmq, CL 1
.3

4  
OLE 1 .13 w

2.611
6S16 0

2.61-5

lie 2 42 LE .793 Lowspeed -W

p 3 -38, 42 LE .707

5* -30,42 LE .50

11p 0A - 2A-2-'10 - .25,.50,.75 Supenonic W
S q 2.4 53 LE .5 Supersonic

CL (theor. 29 .5 1.5
q2.4 46-N l .5 1.414

2.4 .3 0-4.75 1.414

lie 1 C8 C .C 1 (•thaoi PiA - 2A-10 ft cot ALE - 01 .25, .0,.75 Supersonic W

119 Cep (theor.) 2.4 53 LE 1.2,+1.6 W

I ,6 "* .4 63 1 1.5

2,4 45` 556 1.414

Ile 120 Cg(theor.) 2,4 63 LE .6 1.2-- I A W

"2,4 456-D .5 1,44
1(.,5A 53 .5 1.5

2,4 53 0..? 1.414

PA *2.3,4. 5. .P cn A 0 -O".0 0,.25..50

N, 7-17



TABLE 7-A (CONTD)

"RO. Derivae A ides) X M Freq. Ampl. Config.

121 CC L- Cl . C q 'A< q4 -<co ALE 41 0 Supersonic - W

a q 4
r. ,Cyr (themr.) 4 4Cot ALE

I A

122 CL., Cm CLqo Cm, 
4 

cOt ALE tan-I 2LE 0 Sulbonic, X x W
A tansic,

Cmq + Cm (theow) t.upesonic

123 Cgp/(AR)
3  

.6, 1,2 0 1.2 2 - W

124 C (AR) 3  
S,1,2 0 -- - W

126 Cm + C (thtor.l 320 5 LE 0 1.414 3.0 - WOH
q a

126 C L, Cq (theo,.) oA - 3-+20 cot ALE 1-o 0, .25,_,7 Supeorson i- W

qA -A2 -020 1.0

127 CQ•I Cnp (theor.) 4 - .6 - - W

9.021 - .4

128 Cp 1D2- 3.4 21.2"- 70 LE 0,25 1.62.1.93,2.41 - W
p (28 configurations)

129 Cm (theor.) - Supemonic X x W
q

130 Cmq +CM 2.31 60 LE 0 .7b 1.70 - - We

131 Cmq + Cm 3.07 40 c/2 1.628 .55"-11.2 - - we

132 C3 35C/4 .6 .4A.9l - - We
lp

133 CCn C (thew.) 3U8 45 L.E02 ,2"+.9 X - WBHV
t 3.0 147

" Cnr 2.3 .274

134 CN4 N6,' Cmq, -, - 1.1-45 - -

Cm +- C.( (theor)q a

136 C Nq'C CN .Cmq - 1.1-.5 - ,.- C

(theor.)

136 Cm +Cm. (theor.) 87,84,81 LE 0 9.17 - - W

137 C.CLm 3. 49.1 LE .072 1.22-'2, X X W

6 ,2 60 | 5 -1.t4i, 2.
1.25 70.1

3 49.1

2. 60 I
1.25 7,0,01
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TABLE 7-A (CONTD)

Rf. Derivatile A 
M Freq, Ampl. Config,

13 Cm +Cm. 6.02 0.c .5 .O-+l.17 ;c -A Wq x

13D Cmq Cm 4 45 704.6 .63 -11.16 - - WI

140 Cn CR C CRP 6.10,16 0 c4 1.50,.;.5 - _

(thoor.)

141 C +C 2.31 W LE 0 .9- 1.37 - - We

142 Cfp (theor.) 2 "+8 0 "#69.4 LE 0 1.0 Supersonic - W
(44 configurations)

143 Cp .75,1.0 - 0 Low ap~d - -_ W

144 C + CN (theor.), 
- .7-8.2 , - _

C 4 C-1.12
m q

145 Cmq +Cm 
- 1.2-3,0 - -

CN. +CN (theor.)

146 C (theor.) 1.0 -5 0 - c/4 0-1.0 - - -

17 CPCnC
2  2.61 45 LE 1.0 Low speed - - W

148 C nr, Cyr 2.61 45 LE 1.0 .13 - - W

149 CnrC Cr 2.31 O0LE 0 Low pwd - .- W
4.0 0, 45 c/4 .6

150 C Cnp .CQ~ *CYr 3.57 35 c/3 .565 .13,.17 - - We

Cn r' C Rr

151 C% (theor.) .- 
14 -- --

152 CLc; C mqCQ CR. <.5 0 Subsonic - - WCnqCnr. Cq CYr 
Supersonic

(theor,)

1 L3 , C f Crc -< A cot ALE 4Lit1 0 Supersonic w

L~~r r 4- 
-W

Cn. Cyp (theom.)

Cmq +VCmis 
Varies .5"21 X X B

155 Cr 'Cn (theor.) 
W+fin

r r 
0 L o w V oe e d I-W i
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TABLE 7-A (CONITD)

Rof. Dorivotive Ad. M .rq X. Config.

S C + C m 3.6 41.57 LE .456 ,4- ".88 - Wa
"16 Cm+q C

167 4 42.7 LE ,5 .7-+1,•4 - WB
16 •3.5 16.5 ,56

2.9 23.1 .41

I 4 37A, 46.7.60.9 .6

3.5 63 .26

6 46.2 .6

158 CRp 3.71 0, 45 c/4 1,.6,.3,0 A .45 - - WB

p

159 CL 1.2 68.2 LE .143 Subsonic x -

q 'm 1.6 0
1.32 .389

14o4 0 1 1.37 -2.43 x - w

181 Cm (theor.) S alon•€ - - B
q

,5 • .8- 6-- WBHV1 02 C L ' c ma , c L q .cm q

163 C 1 .L m4' CLq. Cm 2.46 - .70-+1.10 X - WBHV

q q qq

164 C L c• CLqCm - .30,.50,,70,.75 x X WBH

165 % 3.7 1 .0 .6"+1.4 WB

166 Ithoor.) _5_- -

167 C•,Cr. Cn, Cnr 4,6,8 - - W

(theor.)

'Go -n. Cn 0 cosa• .92 74 LE 0 .094 -. 267 X - WBV

Cy - CYo cos

rC~r -C Q Ii• cos 4%

Cn p + Cný sin O.

C y + CyY4 sin (t,

p

Cep * Cg sn C

log Cm + Cm 2 63.4 LE 0 1.2-"1.9 - -W

L q 03

4 45 1
3 45 .403
3 19.1 .407
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TABLE 7,A (CONTD)

A Idog) PAM An'I, Config.

170 CLa'Cm6" CLC"C0< 4 tn --- E 0 0 -1.0 1W
Cin + Cm (theor.)

q a

"171 Cmq +Cr 0  4 45 LE 0 1.16 - 1.70 WW8

172 CL.' C CL., CCmq - Supersoni, -

(thebor.) hype"lOnic

173 C9 ,Cn .Cy 2.61 -45 LE 1.0 Low sWp6.160
C~r;Cnr CY;' 2.61 45

15C +CC
1748 R -1 2.8 80.45,5 /4SSQ 1.0 Low1. -. - WB

11 97 co fiurtins

160 Cm q +m2 4.79 323 c/4 A1 .65- 1.04 we

1768 C (theor.) 1J- - W.

p

173 C + C .8- 73. LE'22 0 x S i

078 rR 2283 2 7.95, 53.55 LiE ,JU7 +1. B
P49.97 .066 a

179 ina.1 0/3816 LE 1 ." 2,6

ISO Ctmq + Cm• 2,24 60 c/4 .3 3.75 "+1.50 w e

!18' C (theor.)

q a

186 CyP, Cn, Cp 4 3.6. 32.6, 45, 60 c/4 .6 .5--.95 WB
p pp

186 C9.P, CPl 4 45 LE 0 .5 .95 WB
2.31 6"

187 cy,. CR 5.90 0 LE .473 .13.17 Wa

..CYr Cnr'Cer - J
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TABLE 7-A (CONTO)

R f. rirotiw A (doq ) FreM A rvl. Config.

188IyO . Cn % 4 45 d4 .6 .17 - - W

139 C LC Cm , Cm C Superonic - -

(fheor.j

190 Cm 1.484 0 .09,.18 x X
Q

191 C +Cm. 7.035 41.5I37.5 LE (.33) .20-..94 x x we

aq q

1.5 695 LE 0 Supersonic a - . W,
n- q 2.0 63.4 W8[,Cm q+C Mit Ih°°r') 2.5 so

r.

L"
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7.1 WING DYNAMIC DERIVATIVES

The methods presented in this section are to be used for the estimation of pitching, acceleration,
rolling, and'yawing dynamic derivatives of isolated lifting surfaces. The methods and charts

applicable to this section are based on lifting-surface theory for subsonic speeds and on linearized
theory for supersonic speeds. The charts are thus limited to conditions for which the flow is
essentially attached over the surface of the wing, i.e., the linear lift-curve range. This means that

at subsonic speeds the methods are valid for high-aspect-ratio wings up to stall angles of attack
but ace limited for low-aspect-ratio wings to low angles of attack.

For wings operating uwder conditions of partially separated flow, such as low-aspect-ratio wings

at moderate to high angles of attack, experimental data, e.g., references I and 2, show that
substantial nonlinearities exist in the dynamic derivative,-:. in, add,-tion, tests made by, wind-tunnel

oscillating-mode techniques show that the dynam.c derivatives are functions of both the
amplitude and frequency of oscillation. In general, dynamic derivatives for separated-flow
conditions are larger and therefore more significant than for attached-flow conditions. Because of
the complexity of the separated-flow case, no quantitative information on these effects is

presented in the Datcom. Instead, a qualitative discussion of the characteristics of dynamic
derivatives under partially separated-flow conditions is given.

1 w 0'Flow separation on wings at angles of attack below stall is discussed in Sections 4.1.3.3 and
4.1.3.4. The dominant feature of flow over low-aspect-ratio or swept wings, i.e., wings for which
flow separation below stall is important, is the leading-edge vortex. The strength of the

leading-edge vortex is determined by wing planform and airfoil leading-edge geometry.

m In general, large leading-edge sweep angles and sharp airfoil sections are conducive to high vortex

strengths. The strength of the leading-edge vortex, in turn, determines the nature and magnitude
of the nonlinear static force, moment, and dynamic-derivative characteristics. The effects of
geometry on the dynamic derivatives of a triangular wing at low speed are presented in

reference 3.

r q'-Partially separated flow over a wing causes the dynamic derivatives to be frequency-dependent.
The reason is that a change in wing attitude changes the boundary-layer conditions, which, in

turn, alter the flow-separation pattern. The time required for the flow to adjust to a change in
"attitude is appreciable, and the dynamic derivatives become functions of the rate changv' of
attitude (or frequency). The flow about wings with essentially attached flow is less dependent
upon the boundary layer and therefore adjusts more rapidly to attitude changes. Hence the

_ _dynamic derivatives for these conditions are not frequency-dependent over the practical
frequency range.

For wings that exhibit nonlinearities in their static forces and moments (partially separated flow
"exists), the dynamic derivatives also depend upon the amplitude of the attitude changes. For
instance, sketch (a) ( reference 2) shows the rolling moment in sideslip for a triangular wing at

L high angles of attack. It is clear that the rotary derivative C1r depends upon the amplitude of

oscillation about the Z-axis.
L
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7. 1.1 WING PITCHING DERIVATIVES

7.1.1.1 WING PITCHING DERIVATIVE CLq

The wing pitching derivative CLq is generally small compared to other terms in the equations of
motion and is frequently neglected. However, methods are presented for determining CLq of the

wing in subsonic and supersonic speed ranges. The supersonic value of CLq is used in estimating
supersonic values of Cmq in Section 7.1.1.2.

"If the wing pitching derivative CLq is to be used in method 1 of Section 7.3.1.1 to obtain
(CLq)WB, the exposed wing planform area should be used for all calculations in the D1atcon)

methods. Using the exposed planform area will yield CLq based on the product of exposed wing
area and exposed wing MAC, rather than the product of total wing area and 'Ving MAC is
indicated.

DATCOM METHODS

A. SUBSONIC

The equation for estimating the subsonic pitching derivative C' (derived in reference 1), based on
the product of wing area and wing MAC SW dw, is given. by q

C +2 7.1 1.1-aLq a

where --- can be expressed asc

a.c. 7.1.1.1-b

and

is the distance between the center of gravity and the aerodynamic center, positive for
aerodynamic center behind center of gravity.

"xa' (x~�\ k--), the longitudinal distance from the wing leading-edge vertex to
"C2\.Cr')4.1.4.2 C )

the aerodynamic center measured in mean aerodynamic chords, positive aft.

xc'g.
--- ~ is the longitudinal distance from the wing leading-edge vertex to the center of gravity

c measured in mean aerodynamic chords, positive aft.

L 7.1.1.1-1
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Ca is the wing lift-curve slope (Section 4.1.3.2) at the Mach number under consideration,based on the total wing area.

Sample Problem

Given:

cr

A 4.0 X= 0.68 ALE 46.30 - - 1.18

Xc.-1.04 (from planform geometry with c.g. at ý/4) M = 0.20
Cr

CL = 3.20 per rad (Section 4.1.3.2)

Compute:
x

Calculate using the method of Section 4.1.4.2
cr

tan ALE = 1.046

Atan ALE 4.18

S= 0.98

3/tan ALE 0.937

Xa.c.
- 1.05 (figures 4.1.4.2-26d, -26e, -26f)

Cr

C,•culate the distance between the center of gravity and the aerodynamic center

Xa.c. xc.7 "- (equation 7.1.1. l-b)

Cr

7.1.1.1-2
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= (1.05 - 1.04) 1.18

= 0.0118

Solution:

Calculate the wing pitching derivative

= + 2 CL (equation 7.1.1.1-a)Ctq c'ý C a

T 2+ 2(0.0118 3 .2 0

- (0.52) (3.20)

- 1.66 per rad (based on SW c)

B. TRANSONIC

There are few data and no theory available on the derivative CLq in the transonic region. For
Pg the purpose of the Datcom, it is suggested that equation 7.1.1.1-a be applied in the transonic

region.

C. SUPERSONIC

The supersonic value of CLq , based on the product of wing area and wing MAC SW•ýw, is given by

L Lq'+2 )N~C C C (per radian) 7.1.1.1 -c

where

x x
aC" xC " 7.1.1.1-b

and

CL is referred to body axis with the origin at the wing aerodynamic center and is obtained
as indicated below, based on the product of total wing area and wing MAC SW cw"

SCN is the wing normal-force-curve slope (Section 4.1.3.2) at the Mach number under
consideration, based on the total wing -area (per radian).

7.1.1.1-3
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Methods of estimating CLLq

1. Wings with subsonic leading edges (0 cot ALE < 1.0)

For wings with subsonic leading edges, CLq is obtained by the method of reference 3 for
LX = 0 and by the method of reference 4 for X = 0.25 to 1.0. The following methods are
not valid if the Mach line from the trailing-edge vertex intersects the leading edge or if the
wing-tip Mach lines intersect on the wings or intersect the opposite wing tips.

a. Zero-taper-ratio wings (. 0)

CLq' is derived in reference 3 as
L

11 (d - Xac.)

CL - A[3G(Q3C) F3 (N) - 2E"(PC) F4 (N)1 + 2 CN (per radian)
q 2 c (N]+2aN (e ain

7.1.1.1-d

where

E"(P3C) and G(3C) are obtained from figure 7.1.1.1-8.

F3(N) and F4 (N) are obtained from figure 7.1.1.1-9.

d is two-thirds the basic triangular wing root chord (d = (See sketch (a).)

A is the aspect ratio of the wing.

r

Cr
BASIC Brj

TRIANGULAR _
WING

0 *

S..SKETCH (a)

L7.1.1.1-4



b. Wings with X , 0.25 to 1.0

CLq' is derived in reference 4 as

"CL' CL" - 2 CN (per radian) 7.1.1. 1-e

where

C " is referred to body axis with the origin at the wing leading-edge vertex and isZ: Lq
q.obtained from figures 7.1.1.1-10a,7.1.1.1-10b,and 7.1.1,1-10c, for X=0.25,0.50,

and 0.75, respectively, and from the equations of reference 4 for X > 0.75.

2. Wings with supersonic leading edges (, cot ALE > 1.0)

For wings with supersonic leading edges, CL q' is obtained from figures 7.1.1.1-11 a through
7.1.1.1-1 1k. This method, derived in reference 5, is valid for the range of Mach numbers for
which the Mach lines from the leading-edge vertex intersect the trailing edge. An additional
limitation is that the foremost Mach line from either wing tip may not intersect the remote
half of the wing.

Sample Problem

Given:
C~r

A 3.46 A.. 600 - = 1.50 M = 1.50 X 0

b = 16 ft c.g. at - cr 9.25 ft = 6.17 ftp 4

Compute:

Scot ALE 0.647 (subsonic leading edge)

4 cot ALE
N= 1- -0.333

A

E"(O3C) = 0.770E"G(C) = 0.570k (figure 7.1.1.1-8)
G(PQ = 0.5701

_.F3 (N) = 0.913}"' F4(N) = 0.913 (figure 7.1.1 1-9)

F4 7(N) = 1.12



,. N, ý

Obtain C\ from Section 4.1.3.2

o3/tan ALE = 0.647

A tan ALE 6.0

tan ALE C = 5.40 per rad (figure 4.1.3.2-56a)

CN 3.12 per rad

4 i

NO x
Obtain - from Section 4.1.4.2

ac

x a.c. (~ r 3

-" .a c 0 .9 0 (figu re 4 .1.4 .2 -2 6 a)
Cr

x x x
-c a-) 1.3eq5in .. 11b(C)

c C

xa.c. 1.35 ( 0 1.35)(6.17) 0 8.33

Calculate ds

bc r

*0.67 (from planform geometry with e.g. at U/4)

• .....
(equation 7.1.1.1l-b)

- . -Xa..c. -XcC,.) C,

: - =(0.90 - 0.67) 1.50 =0.345 
.i •?-Calculate d from the characteristics of the basic triangular wing (see sketch (a))

b2• 4 4AB- =- =-- = 2.3 1I• 1 b tan A L 1.732 
.

2 rb



2b 2(16)
Cr b = = 13.85 ft
"C AB 2.31

2 2
d = -c - (13.85) 9.233 ft

Solution for Cq'Lq

irA (d - Xa.c.)
CL=q - [3G(,3C) F3(N) 2E"(3C) F4(N)] + 2

(equation 7.1. 1.1-d)

•r(9.233 - 8.33)h!-=- (3.46) [3(0.57) (0.913) - 2(0.77) (1.12)J + 2 ( .23 (3.12)
2 6.17

= -0.891 + 0.913

= 0.022 per rad (based on SW w)

Solution for CL
Lq

CLq Lq 2 y N" (equation 7.1.1.l-c)
q -

= 0.022 + 2(0.345) 3.12

= 2.175 per rad (based on SW CU)
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7.1.1.2 WING PITCHING DERIVATIVE C" q

When a wing rotates in pitch about a given center of gravity at an angular velocity 0 in a
free-stream velocity V0.., changes in local angle of attack are produced that are proportional tow/V (w is the local vertical disturbance velocity). For wings having sweepback, an additional

increment in angle of attack is produced that is a function of spanwise wing station. These local
changes in angle of attack produce an effective angle-of-attack increment for the complete wing
that results in a pitching-moment increment. This pitching-moment increment is expressed as the
wing contribution to the derivative Cmq.

If the wing pitching derivative Cmq is to be used in method 1 of Section 7.3.1.2 to obtain
(CM, q ) w, the exposed wing planform area should be used for all calcu;ations in the Datcom
methods. Using the exposed planform area will yield Cmq based on the product of exposed wing
area and the square of exposed wing MAC, rather tIlhn the product of total wing area and the
square of wing MAC as indicated.

DATCOM METHOD

A. SUBSONIC

The low-speed value (M -0.2) of Cm q based on the product of total wing area and the square of
'i wing MAC Sw cw 2 , is given by

A [1 .+2(.g)] 12A 3 tan2 Ac,4

(C m ) -0.7 cj, cos Ac/ 4  A2cZ A + ) / I
mq M- 0.2 A + 2 cos Ac/4 24 A+6cosA,/ 8

(per radian) 7.1.1.2-a
where

- is defined in Section 7.1 .1.

cQ is the wing sec ion lit. -.urve slope from Section 4.1.1, (per radian).

This equation is a modified foJrm of that derived in reference 1. The equation was modified in
reference 2 by the empirical factor 0.7. It is strictly applicable to aspect ratios between I and 6.
For aspect ratios of about 10 or 12 the empirical factor should be approximately 0.9, but there
are no experimental data available to show how this empirical factor should vary for inter-
mediate aspect ratios. It is suggested that a smooth fairing be used.

For higher subsonic speeds the derivative Cm q, based on tW'e product of wing area and the square.
of wing MAC SW cw 2, iL oI tamed by applying an approximate compressibility correction derived
in reference 3:

K 7.1.1.2-1



A 3 tan2 Ac/ 4  + 3
AB + 6 cos Acl4 B

M>)C q )m - B+c0 1  B(per radian) 7.1.1.2-b
(C q M> 0.2 A3 tan2 AMl4

-+3
A + 6 cos A,/4

where

(Cmq) is obtained from equation 7.1.1.2-a.

B = V/1 - M2 cos2 At/4

Sample Problem

Given: Same wing as in sample problem of paragraph A, Section 7.1.1.1.

Cr
A = 4.0 X = 0.68 Ac14  450 1.18

Additional Characteristics:

Airfoil: 64-006 Smooth airfoil surface M 0.2, 0.6

- 0.0118 (sample problem, paragraph A, Section 7.1.1.1)

Compute:

cga 0.109 per deg (table 4.1.1-B)

cos Ac/ 4  0.707; tan Ac/ 4  1.0

At M - 0.6, B = 11 M2 cos2 Ac/ /1 - (0.36) (0.50) 0.905

Solutiuo. (M = 0.2):

Ic\.~~ cYA~ 2( '/A 3 tan2 A,,,)
q M, 0.2 cA 2 c A./4  24 A + 6 8 Ac14  8

(equation 7.1.1.2-a)

"7.1.1.2-2



___77_7 - - .. -

4- (00118) + 2(0.0118)2

"(-0.7) (0.109) (57.3) (0.707), --

+72(0.707)

' J . 1( 4 ) ' 1 1

24 4+6(0.707) 8

-. 9 0.0247 1 64: -•= -3.090 LS-i +2 (• +
[5.414 24 k8.242) 8]

= -3.090(0.00456 + 0.3235 + 0.125)

= -1.400 per rad (based on Sw Z'w 2)

Solution (M = 0.6):

A3 tan2 A,,4 3
AB + 6 cos A B

(c)CAt A ( )Cmq (equation 7.1.1.2-b)
M > L0.2 A3 tan2 A,4M

' 3
A ' 6 cos Ac/4

(4)3 (1) 3

4(0.905) + 6(0.707) 0.905 (-1.40)

(4)3 (1) + 3

L 4 + 6(0.707)

1 64
-- + 3.31

7.862
04 (- 1.40)

+ 3
8.242

(8.143.) (-1.40)

- -1.49 per rad (based on Sw ý 2 )

7.1.1.2-3



q

B. TRANSONIC

At transonic speeds the derivative Cmq based on the product of wing area and the square of wing

MAC Sw zw , is estimated by

C q+=(CL) .- cr [Cq)il -- ) +(C'q)Mcr (per radian)

Cmq ( CZ o 7 1 .2  (C m ) . - Cn \rj

7.1.1.2-c

*• where

CL is the wing lift-curve slope (Section 4.1.3.2) at the Mach number under con-
sideration, based on the total wing area (per radian).

C is obtained from the supersonic method of paragraph C of this section, based
, 1.2 on the product of wing area and the square of wing MAC SW c 2 (per radian).

(C is obtained from equation 7.1.1.2-b at the critical Mach number, based on the
,q/ product of wing area and the square of wing MAC Sw w 2 (per radian).

* For this purpose the critical Mach number M., is taken equal toa the force-break Mach number Mtb

defined in paragraph B of Section 4.1.3.2.

C. SUPERSONIC

The supersonic value of Cm,, referred to body axis and for any center-of-gravity location and
based on the product of wing area and the square of wing MAC Sw Zw 2, is given by

Cmq -- Cmq- (x)CLq (per radian) 7.1.1.2-d

where

CLq is obtained from Section 7.1.1.1, based on the product of wing area and wing MAC
q (per radian).

- is defined in Section 7.1.1.1.

C is referred to body axis with the origin at the wing aerodynamic center, based on theproduct of wing area and the square of wing MAC SW Cw and obtained as indicated

below.

i 7.1.1.2-4



Methods for estimating Cm
q

I Wings with subsonic leading edges (j3 cot ALE < 1.0)

S '"For wings with subsonic leading edges, Cm,,' is obtained by the method of reference 4 for
X = 0 and by the method of reference 5 for X 0.25 to 1.0. The following methods are
not valid if the Mach line from the trailing-edge vertex intersects the leading edge or if the
wing-tip Mach lines intersect on the wings or intersect the opposite wing tips.

" a. Zero-taper-ratio wings (X = 0)

Cm q' is derived in reference 4 as

C ' - 3 rF N)6 " F(PNC

q)( 3(N)
d - x. + 2 (per radian) 7.1.1.2-e

-- C CL q' C N

where

G(PQC) and E"(PC) are obtained from figure 7.1.1.i-8.

F5 (N), F7(N), and FI(N) are obtained from figure 7.1.1.2-8.

- is defined in paragraph A of Section 7.1.1.1.

SCN is the wing normal-force-curve slope (Section 4.1.3.2) at the Mach number under
consideration, based on the total wing area (per radian).

d is defined in paragraph C of Section 7. 1. 1. 1.

CL is obtained from paragraph C of Section 7.1.1.1, based on the product of wing
q area and wing MAC (per radian).

b. Wings with X = 0.25 to 1.0

Cm ' is derived in reference 5 as
q

Cmq'-Cm q" + C (per radian) 7.1.1.2-f

7.1.1.2-5



where

C " is referred to body axis with the origin at the wing leading-edge vertex and is
Sq obtained from figures 7.1.1.2 -9 a, 7.1.1.2-9b, and 7.1 1.2-qc,for X = 0.25, 0.50,

and 0.75, respectively, and from the equations of reference 5 for X > 0.75 (per
radian).

CL " is obtained from paragraph C of Section 7.1.1.1, based on the product of wing
area and wing MAC (per radian).

X is defined in paragraph A of Section 7.1.1.1.

2. Wings with supersonic leading edges (0 cot ALE > 1.0)

For wings with supersonic leading edges, C, 'is obtained from figures 7.1.1.2-10a through

7.1.1.2-lOk.This method is derived in reference 6 and is valid for the range of Mach
numbers for which the Mach lines from the leading-edge vertex intersect the trailing edge.
An additional limitation is that the foremost Mach line from either wing tip may not
intersect the remote half of the wing.

Sample Problem

Given: Same wing as in sample problem of paragraph C, Section 7.1.1.1.

A = 3.46 X 0 ALE 600 1.50 b = 16ft

C.g. at4 M 1.50 6 6.17 ft c7 9.25 ft

4

From sample problem of paragraph C, Section 7,1.1.1:

f cot ALE = 0.647 (subsonic leading edge)

N = 0.333 E"(PQC) 0.770 G((IC) 5.70 CN 3.12 per rad

Sd-x.c.
"C 0.022 per rad CL 2.175 per rad - 0.146 - 0.345q q

Compute:

SF(N) =0133 01

F7(N) = -0.200 (figure 7.1.1.2-8)
F, (N) = 0.660

7.1.1.2-6

...



Solution:

q3 irA G(jC) F7 (N) + 1- E (PC) LF IM T
C ~ 1 = . 1 (N)l

(d ,.,)- CL q' + 2 (d Xac (equation 7.1.1.2-e)

[(057.16 0.1331

S7r(3.46) 0.570) (-0.200) + L- (0.770)
16 3 0.660]

- - (0.146) (0.022) + 2(0.146)2 (3.12)

= -2.038(-0.1140 + 0.8276) - 0.0032 + 0.1330

= -1.325 per rad

C ( CLq (equation 7.1.1.2-d)

K. ISq mq \CCI

= -1.325 - (0.345) (2.175)

= -2.075 per rad (based on SWzw 2 )

REFERENCES

1. Toil, T., and Queijo, M.: Approximate Relations and Charts for Low-Speed Stability Derivatives of Swapt Wings. NACA
TN 1581, 1948. (U)

2. MacLachlan, R., and Fisher, L. R.: Wind-Tunnel Investigation at Low Speeds of the Pitching Derivatives of Untapered

Swept Wings. NACA RM LSG19, 1948. (U)

3. Fisher, L. H.: Approximate Corrections for the Effects of Compressibility on the Subsonic Stability Derivatives of Swept
. Wings. NACA T"N 1854, 1949. (U)

4. Malvestuto, F. S., Jr., and Margolis, K.: Theoretical Stability Derivatives of Thin Sweptbsck Wings Tapered to a Point with
Sweptback or Sweptforward Trailing Edges for a Limited Range of Supersonic. Speeds. NACA TR 971, 1950. (U)

5. Malvestuto, F. S., Jr., and Hoover, D. M.: Lift and Pitching Derivatives of Thin Sweptback Teaered Wings with Streamwise
Tips and Subsonic Leading Edges at Supersonic Speeds. NACA TN 2294, 1951. (U)

6. Martin, J., Margolis, K., and Jeffreys, I.: Calculation ot Lift and Pitching Moments Due to Angle of Attack and Steady

Pitching Velocity at Supersonic Speeds for Thin Sweptback Tapered Wings with Streamwise Tips and Supersonic Leading
and Trailing Edges. NACA TN 2699, 1952. (U)
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7.1.1.3 WING PITCHING DERIVATIVE CDq
q

This scction presents a method for estimating the wing contribution to the pitching derivative CDq
at subsonic speeds. This derivative is the change in drag coefficient due to a change in pitching
velocity at a constant angle of attack and is defined as

CCq

C - where CD is based on Sw.

In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is
usually neglected.

A, SUBSONIC

K The method presented herein uses the Weissinger method of Reference I to calculate the section lift

due to angle of attack, twist, and pitch rate. The lift is then rotated through the local downwash
angle due to each of these effects to produce a chordwise component of force.

DATCOM METHOD

Design charts for predicting the wing contribution to CD are available only at Mach numbers of
0.2 and 0.8. The wing pitching derivative CjDq is given by

C~~~ ~ DC(O+ (L
ICDI qC~ (q

C ) D "0a+ . F + 2V 7.1.1.3-a

where

C is the contribution due to zero-angle-of-,attack loading obtained from Figures
D0  7. 1. 1.3-3a through -3f as a function of wing aspect ratio, taper ratio, and sweep.

o is the wing twist in degrees between the root and tip sections, negative for washout
(see Figure 5.1.2.1-30b).

aCD
is the contribution due to angle of attack obtained from Figures 7.1.1.3- 7 a through

3OF - 7f as a function of wing aspect ratio, taper ratio, and sweep.

at; is the fuselage angle of attack in degrees.

'acJ)
is the contribution due to the rate of change of pitch obtained from Figures

-c N q(V 7.1.1.3-12a through -12f as a function of wing aspect ratio, taper ratio, and sweep.

" 
7.1.1.3-1
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q is the pitch rate in degrees per second,

C:- is the wing mean t *)dynarnic chord.

V is the free-stream velocity.

Sample Problem

Given: The following wing-body configuration

Wing Characteristics;

A 7 A = 0.25 ALE 35°

2 25.0 ft Sw = 3500 ft2  0 = -5.0

Additional Characteristics:

M = 0.8 aCF = 10 q 5 deg/sec

V = 796 ft/sec (h1 30,000 ft)

Compute:

CD 0.00036 per deg2 (interpolated using Figures 7.1.1.3-3d, -3e, and -30)

q- 0.000876 per deg2 (interpolated using Figures 7. 1. 1.3- 7d, - 7 e, and - 7 f)

aCo
=- 0.00061 per deg2 (interpolated using Figures 7.1.1.3-12d, -12e, and -12f0

q# (5)(2S)
S.. . 9 .- 0.0785 deg2V 2(796)

Solution:

q3 I~CDq Cl)q ( 0) + -- A-31 a[; . _}q-A \'-] (Equation 7.1.1.3-a)

(0.00036)(+5.0) + (0.00087(1)(1.0) + (0.0001)(0.0785)

0.0027,1 per deg

7.1.1.3-2



B. TRANSONIC

No method is presented.

C. SUPERSONIC

No method is presented.

REFERENCE

1. Do Young, J., and Harper, C. W.: Theoretical Symmetric Span Loading at Subsonic Speeds for Wings Having ArbitraryU Planform. NACA TR 921, 1948. (U)
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7.1.2 WING ROLLING DERIVATIVES

7.1.2.1 WING ROLLING DERIVATIVE CyP

This section presents methods for estimating the wing contribution to the rolling derivative CyP at
subsonic and supersonic speeds. This derivative is the change in side-force coefficient with change in
wing-tip helix angle and is expressed as

acy

A. SUBSONIC

The wing rolling derivative Cy results from the angle-of-attack distribution and the tip-suction effects
of rolling wings.

The angle-of-attack distribution caused by rolling produces incremental changes in aerodynamic forces.
"For wings having sweep and/or dihedral, these incremental changes have components in the lateral
direction, causing a side force. The contribution to Cy due to the angle-of-attack distribution caused
by rolling is derived in reference 1, based on simple sweep theory. This result is limited to swept,
untapered wings at low lift coefficients. The effect of taper ratio has been derived based on tc

experimental results presented in reference 2. The effect of dihedral is taken from reference 3. Although
the expression for the dihedn•' effect has been derived specifically for untapered wings, it should be
reasonably reliable for wings o"' any taper ratio over the range of wing dihedral angles of practical
interest.

The side force due to rolling of unswept wings is not accounted for by the theory of reference 1. This
value is presumed to be caused by tip suction and is given by the empirical expression developed in
reference 4. Experimental results show that the tip-suction effect is independent of sweep and varies
inversely as the aspect ratio.

The method of reference 5 is applied to extrapolate the potential-flow values to high lift coefficients by
using experimental values of the lift and drag at high lift coefficients. If experimental lift and drag data
for the particular planform of interest are not available at the chosen Mach number, no attempt should
be made to estimate the variation of Cyp with lift coefficient. The negligible importance of this
derivative does not warrant the effort involved in estimating the wing lift and drag variation.
Furthermore, no known general method for estimating the variation of drag coefficient will give results

-. reliable enough to use in determining the correction factor for extrapolating the potential-flow values to
higner lift coefficients.

DATCOM METHOD

The variation of the wing rolling derivative CGy with lift coefficient, based on the product of the

wing area and wing span, is given by

e7.1.2.1-1



Kyp CL + (per radian) 7 .1.2.1-a

+ (ACY )r1C L /) L .O
M

where

y(.3!) is the slope of the side force due to rolling at zero lift given by
\-(CL ) O

ML

AB+4cosA AB+cosA/ 4 A Cy

c/4 c/4 L CLý

LCL) MC, AB +4 cos A c4 A +cos A,4 j C LMM "0

where B V -- M2 cos2 AC/4 and

cyp14

is the slope of the low-speed side force due to rolling at zero
CL=O lift, obtained from figure 7.1.2.1-9 as a function of
M i0 aspect ratio, sweep of the quarter-chord, and taper ratio.

This chart has been derived by using the results of refer-
ences 1, 2, and 4. Equation 7.1.2.1-b modifies the
low-speed value by means of the Prandtl-Glauert rule to yield
approximate corrections for the first-order three-dimensional
effects of compressible flow up to the critical Mach number.

CL is the wing lift coefficient.

(ACy ) is le increment in Cy,1 due to dihedral given by

(ACY) [3 sin r (1 -2 sin I) (C ) (per radian)

CLO 7.1.2.1-c

where

F is the geometric dihedral angle in degrees, positive for the wing tip
above the plane of the root chord.

z is the vertical distance between the c.g and the wing root
quarter-chord point, positive for the c.g. above the wing root
chord. (This parameter is independent of angle of attack.)

7.1.2.1-2



b is the wing span.

(CI ) is the roll-damping derivative of the wing without dihedral and at
- c L 0 zero lift. This value is obtained from paragraph A of Section 7.1.2.2

and is given by (see equation 7.1.2.2-a)*

( )3C/ / C: 
(per radian)

CL =0

K is a dimensionless correction factor used to extrapolate the potential-flow values to
high lift coefficients. At zero lift this factor is taken as 1.0. At lift coefficients other
than zero this factor accounts for the variation of profile drag with lift coefficient
and is given by

a]
"a (CL tana --f-- (CD - CD)

K a 7.1.2.1-d

•- (CL tana) -(---

Test values of lift and drag at the chosen Mach numbae for the particular planform
of interest must be used in evaluating equation 7.1.2.1-d. The terms of equation
7.1.2.1-d are evaluated by taking the slopes of CL tan a, CD - CD0 ,
and CL 2 /(irA), plotted versus angle of attack.

If reliable values of the static-force coefficients are available, the method should provide results within
±20 percent accuracy throughout the lift-coefficient range to the st.ll.

Sample Problem

Given: The wing designated 32.6-4-0.6-006 of references 5 and 8.

Wing Characteristics:

A = 4.0 X = 0.60 Ar/ 4  32.60 = 0

S = 2.25 sq ft

Additional Characteristics:

M = 0.7

The following test values from reference 8 at M 0.7

CD0 = 0.01
CD0

"The effact of profile drag on the roll damping at zero lift Is neglected.
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CL .05 1. .2 .3 .4 .5 .6 .7

a .75 1.50 2.95 4.30 5.60 7.20 8.80 11.20

C D Oil .0115 .015 .021 .033 .0535 .078 .145

Compute:

Determine Cv p/CL at zero lift
P

(CY) = 0.42 per rad (figure 7.1.2.1-9)
\ /L=0

M=O

B"c 4  1 (0.7) (cos 32.60)2 0.808

A + 4 cos Ac/ 4  4.0 + 4 cos 32.60
'•-• = = 1.116

AB + 4 cos Ac/ 4  (4.0) (0.808) + 4 cos 32.60
k. -. " ;"

AB + cos A 1/4  (4.0) (0.808) + cos 32.60
'- = = 0.8414

A + cos Ac/ 4  4.0 + cos 32.60

A + 4 cos A c/4 AB + cos A c/4A s A = (1.116)(0.8414) = 0.939

AB +4 cosAc/4 A + cos Ac/4

S  A +4 COS Ac 4  AB + COS Al 4  pI (equation 7.1.2.1-b)

"- AB t 4 cos Ac/ 4 A + cos Ae/ 4  L =C

14ýY P 14=0L 0 .

= (0.939) (0.42) = 0.394

Determine the K factor

-(CL tana) - (C -D CD

K---- (equation 7.1.2.1-d)

a" (CL tana) -- a ArA)
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- . - V-- - 7--

Test ton Ot CL tanc.C - C0 CL 2/IorA)
cc

cL ton 02 D T"r.s D - 0.01 (D 2/(4,r)
(dog)

.06 .75 .01309 .0007 .011 .001 .0002

.10 1.5 .02619 .0026 .0115 .0015 .0008

.20 2.95 .05613 .0103 .015 .005 .0032

.30 4.30 .07519 .0226 .021 .011 .0072

.40 5.60 .09805 .0392 .033 .023 .0127

.50 7.20 .1263 .0632 .0535 .0435 .019

.80 8.80 .1.548 .0929 .078 .068 .0287

.70 11.20 1980 .139S 14 .135 .oaDo

Plot CL tan a, CD - CD0 , and CL 2 /(wA) versus angle of attack (see sketch (a)).

.16

CL TAN a

.12 C C:D -CDo

f(ci) .08

0 1
0 2 4 6 8 10 12

c (deg)

SKETCH (a)
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2 K

CL -' L tana (C 0 - o) L 0 -

0 - - - 1.000

.05 0018 .00095 .0002 .531

.10 .0040 .0012 .00115 .982

.20 .0066 .0030 .0022 .818

.30 .0105 .0066 .00325 .538

.40 .0136 .0116 .0044 .228

.50 .0168 .0152 .0049 .135

.60 .0184 .0195 0052 - 083

.70 .01865 .0279 .0031 - .596

Solution:

CY, =K[(- ) CLI + (ACY ) r (equation 7.1.2. 1-a)

M

K R(0.3 9 4) CL] + 0 = 0.3 9 4 KCL

cvyp
(based on SWbW)

(plr rad)
CL K (eq. 7.1.2.1-a)

0 1.000 0

.01 .531 .0105

.10 .992 .0387

.20 R18 .0645

.30 .538 .0636

.40 .228 .0359

.60 .136 .0266

.60 - .083 -. 0196

.70 - .595 -. 1641

The calculated results are compared with test values from reference 5 in sketch (b).
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r.2-

-0 Test pointsJ - Calculated

CY I
-P .??. ...

(per rad) 0
C\

-. 1 -

0 .2 .4 .6 .8

C.L

SKETCH (b)

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the rolling
derivative Cy P. Furthermore, no known e.xperimental results are available for this derivative at transonic
speeds.

C. SUPERSONIC

At supersonic speeds a design chart based on theoreticw. calculations is presented for estimating the
rolling derivative Cy at low values of the lift coefficient. The design chart is based on the results of
reference 6 for wings with subsonic leading edges and supersonic trailing edges, and the results of

reference 7 for wings with supersonic leading edges and either subsonic or supersonic trailing edges. The
-. results of both references 6 and 7 are based on linearized-supersonic-flow theory and are therefore

restricted to thin, swept-back, tapered wings with streamwise tips. The lateral force due to rolling is
taken as that arising entirely from suction forces on the wing edges. For wings with supersonic leading
edges no suction forces are induced along the leading edges, and the determination of Cy involves
only the unbalanced suction forces along the wing tips. Therefore, for zero-taper wings with supersonic
leading edges the theory gives Cyp = 0.

No experimental data are available for this derivative at supersonic speeds. Therefore, the validity of
linearized-supersonic-flow theory for estimating Cy1  cannot be determined.

DATCOM METHOD

.-- The wing contribution to the rolling derivative Cy , at supersonic speeds and at low values of the lift
"coefficient is obtained from figure 7.1.2.1-10 as a function of the wing aspect ratio, taper ratio,
leading-edge sweep, and Mach number.

7.1.2.1-7
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Sample Problem

Given: Tapered, swept-back wing.

A = 3.22 A = 0.25 ALE = 55.20

M =2.41; 2.19

Compute:

PA = (2.19) (3.22) = 7.07

Solution:

C! =0.50 per rad2 (based on Swbw) (figure 7.1.2.1- 10)
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7.1.2.2 WING ROLLING DERIVATIVE C1

This section presents methods for estimating the wing contribution to the rolling derivative C1 P at
subsonic and supersonic speeds. This derivative is the change in rolling-moment coefficient with change
in wing-tip helix angle and is expressed as

a C1

"C P pb

A. SUBSONIC

The wing rolling derivative C Ip at subsonic speeds is a function of the wing lift-curve slope, the wing
drag, and geometric dihedral. The effects of dihedral become significant when the displacement of the
rolling axis from the wing root chord is moderate or large.

For unswept wings of moderately high aspect ratio the lift-curve slope undergoes only small changes

throughout the lift-coefficient range, and the drag contribution is relatively unimportant. Therefore,
potential flow values of Cj p at zero lift are generally satisfactory at all lift coefficients below the stall
for these planforms.

'7
Several methods are available for estimating the potential flow value of Clj P. Reference 1 presents
design charts for Clp at zero lift of unswept wings based on lifting-line theory. An effective
edge-velocity correction is applied to the lifting-line theory results of refcrcnce 1 in refeience 2. Finally
the results of reference 2 are modified for the effects of sweep in reference 3. A similar method that
accounts for the effects of sweep on the edge-velocity correction is presented in reference 4. Reference
5 presents a more rigorous method of estimating C for wings of arbitrary planform at zero lift, based
on the simplified lifting-surface theory of Weissinger for determining the additional span loading due to
rolling. The Datcom method for estimating Cj IP at zero lift is taken from reference 6. It is essentially
that of reference 5 corrected for compressibility effects and extended to a wider range of planform
parameters.

For wings of moderate to high aspect ratios and with moderate sweep, the value of C1 in the
nonlinear-lift range is estimated to a first approximation by assuming that variations in tlme tift-curve
slope will affect Clp in the same proportion as CL,,.

On low-aspect-ratio and/or highly swept wings, the flow separates and forms a stable leading-edge vortex
that is responsible for the generation of considerable ad&..tional lift on the outer portions of the wing.
The drag associated with these high lift coefficients cames significant changes in C1 P. The increment
in Cl due to drag is derived in reference 7, based on the strip-theory procedure of reference 3. Since
the effects of drag due to lift and of profile drag on the roll-damping derivative are not of equal
importafice, they are considered separately in determining the increment due to drag.

The correction for geometric dihedral is considered in detail in reference 8. Although the expression for
the dihedral effect has been derived specifically for untapered wings, it should be reasonably reliable for
wings of any taper ratio over the range of wing dihedral angles of practical interest.

The Datcom method accounts for the variations in wing lift-curve slope, drag due to lift, and profile

7.1.2.2-1

. . . . . ..,-. ~ -



drag, as well as the effect of dihedral. The method requires knowledge of the variation of lift and drag
over the angle-of-attack range to the stall for the particular configuration at the appropriate Mach
number. Therefore, this method is quite readily applied if experimental lift and drag data are available.

DATCOM METHOD

The value of the wing rolling derivative C- at a given lift coefficient at subsonic speeds, based on the

product of the wing area and the square otfthe wing span SWb 2, is given by

(we IC L +CLa)CL (C 1 ) + (AClP)drg (per radian) 7.1.2.2-a 7
where

/-P)c is the roll-damping parameter at zero lift, obtained from figure 7.1.2.2-20 as a function
CL0 of A, and PA/K.

The parameter K is the ratio of the two-dimensional lift-curve slope at tile appropriate
Mach number to 21r/3; i.e., (cla) M /(2ir/P). The two-dimensional lift-curve slope is

obtained from Section 4.1.1.2. For wings with'airfoil sections varying in a reasonably
linear manner with span, the average value of the lift-curve slopes of the root and tip
sections is adequate.

The parameter Aa is the compressible sweep parameter given as

(tan AC/4'

AP tan- ),where 3 I ---- M .

(CLOC . is the wing lift-curve slope at zero lift, obtained from test data or estimated by using
~aC~L O the straight-tapered wing method of paragraph A of Section 4.1.3.2 at the appropriate

Mach number.

(CL) is the wing lift-curve slope at any lift coefficient below the stall, obtained from test

CL data or estimated by using the straight-tapered wing method of paragraph A of Section
4.1.3.3 at the appropriate Mach number.

is the dihedral-effect parameter given by

( P)r.0

(Cip~r = 2 ' sin r + 3Q ~ sin2 1'] 7.1.2.2-b

7.1.2.2-2
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where

F is the geometric dihedral angle, positive for the wing tip above the plane of
the root chord.

z is the vertical distance between the c.g. and the wing root chord, positive for
the c.g. above the root chord.

b is the wing span.

-- p) is the incre.ment in the roll-damping derivative due to drag, given by

DL 2 I
ACl) C 2L - C (per radian) 7.1.2.2-c

where

is the drag-due-to-lift roll-damping parameter obtained froom figure
CL2  7.1.2.2-24 as a function of A and Ac/4.

CL is the wing lift coefficient below the stall.

K Co is the profile or total zero-lift drag coefficient. If e7xperimental data
are not available, CDO may be estimated by the method of para-
graph A of Section 4.1.5.1 at the appropriate Mach number.

This method includes the effects of compressibility and may be applied up to the critical Mach number.
(The drag-due-to-lift term does not include a Mach number correction; however, it is small except at
high CL where the Mach number is generally low.)

The most important factor considered in this method is the variation of the wing lift-curve slope. If
reliable values of this parameter are. available ov& the lift-coefficient range, the method will in most

"� �-;ases give satisfactory results over that CL range for configurations with aspect ratios of approximately
2 or greater.

For wings of low aspect ratio and/or high sweep the accuracy of the method rapidly deteriorates with
increasing CL, even when experimental values of lift and drag are used. The error results from the fact
that the high values of (C p)C L obtained from figure 7.1.2.2-24 for these configurations are not

realized in practice. Therefore, as Ct, increases the calculated values of the roll-damping derivative
become progressively smaller than those given by experiment.

A comparison of the roll-damping derivative calculated by using this method with teat results is
presented as table 7.1.2.2-A. Experimental values of lift and drag have been used in evaluating the
roll-damping derivative of all the configurations listed in the table. Several additional references

.7 containing test results of the damping-in-roll characteristics of straight-tapered wings are lsted in table
7-A.

7.1.2.2-3
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Sample Problem

Given: Model 8 of reference 17.

Wing Characteristics:

A = 3.0 X =0.15 A =/4 36.90 != 0

Airfoil Characteristics:
Y90  Y99

NACA 0012 airfoil = 1.448 = 0.2602 2

Additional Characteristics:

M = 0.13; • = 0.992 R = 1.254 x 106 C = 0.036(testvalue)

The following test values from reference 17:
C J 0 .1 .2 .3 .4 .5 .6 .7 .8

CL I .0525 .0525 .0525 .053 .053 .054 .0541 .050 .030

Compute:
/PC. %

Determine the roll-damping parameter at zero lift CL = 0

Yo Y9
Y90 99

tan 2 2 1.448.-0.26 0.132a 9- -09

c. - = 0 768 (figure 4.1.1.2-8a, extrapolated by plotting vs log1l R1 "

(cq Cory

,(cj) = 6.88 (figure 4.l.1.2-8b)
, theoWy

1.05 cho
3(Cl (Cj) (equation 4.1.1.2-a)

)hory'

1.05
- (0.768) (6.88) 5.59 per rad

0.992

(cla)m 5.59

t• = = =0.883
2r/2 2w/0.992
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L3A (0.992) (3.0)= = 3.37
K 0.883

AO = tan-' a tan-' 0,75 = tan-' 0.7569 = 37.120
*DV 0 09-92/

( )C = -0.251 per rad (figure 7.1.2.2-20, interpolated)K I CL.O

Determine the dihedral-effect parameter

(e - 1.0 (equation 7.1.2.2-b at1 = 0)

Determine the increment in roll damping due to drag (AC p)drag

(Ci,)\

C 2

C - 0.034 (figure 7.1.2.2-24)

(C

(ACLp)I g CL2 
- - CD (equation 7.1.2.2-c)Au CL 2 0

=-(-0.
03 4 )CL 2 0.036 per rad

CL C 2  { o A.LCD"L L 0 -. 34 n

0 0 0.0045 --0.0045

0.1 0.01 -0.0048

0.2 0.04 -0.0059

0.3 0.09 -0.0076

0.4 0.16 -0.0099

0.5 0.25 -0.0130

0.6 0.36 -0.0167

6 0.7 0.49 -0.0212

0.8 0.64 -0.0263

7.1.2.2-5
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Solution:

L "L
I.-

(PC1  \LQC (C )

cC 'C. K L p)P (equation 7.1.2.2-a)
K ." "C p (CLo. C 

.0 ( ) C ACP n

0.883 L e/CL[1 =(-0.25 1) -10 +~C C n0.992 (: C (1.0) + (AC 1p)

(CL)

[ (~=-0.223) ~

CLO

0C.2 L 0 0C P_ 
__a

•( 
()CL

i..-L C~ L

AC (C)d (basedn

CL ( L~X L01per rod) (per red)
L (test results) (0)/0.0525 (eq. 7.1.2.2-0) -0.223 (ý)+()

"0 0.0525 1.00 -0.0045 -0.2275

0.1 -0.0048 -0.2278

ps0.2 -0.0069 --0.2289

0.3 0,063 1.01 -..0.0076 -0.2328 '~

0.4 -009 -0.2361
r0.5 0.064 1.03 -0.0130 -0.2427

0.6 -0.0167 --0.2464
_- - 0.7 0.050 0.952 -0.0212 -0.2335

0.8 0.030 0.571 --0.0263 -0.1536

" The calculated rewuts are compaed with test values in sketch (a) and in table 7.1.2.2-A,

7.1.2.2-6

i'." 0,4 0,009



-. 3

0 Test points
-- Calculated

-. 2 _

C,

.2 .4 CL .6 .81.

SKETCH (a)

B. TRANSONIC

There are no reliable methods for estimating the derivative Cl p in the transonic region. Although this
derivative might be expected to vary with Mach number in the same manner as the lift-curve slope, this
trend is not exhibited by experimental data. A considerable quantity of test data is available, however,
and reference should be made to table 7-A.

C. SUPERSONIC

At supersonic speeds design charts based on theoretical calculations are presented for estimating the
rolling derivative CIp of wings of vanishing thickness.

h The design charts are those of reference 9 and are based on the results presented in the following
references:

Reference 10 - in the region of supersonic leading and trailing edges

Reference 11 - in the region of subsonic leading edges and supersonic trailing edges

Reference 12 - for values of P3A < 2

The results presented in references 10 and 11 are based on linearized supersonic-flow theory whil,. :ho
of reference 12 are based on slender-wing theory. The slender-wing-theory value of C/r ; *(
PA = 0 was used to establish a straight-line relationship between slender-wing theory and the low
limit of the linearized supersonic-flow theory. Thin airfoils have been assumed in these theori(.,
Thickness effects are not important except for conditions where the Mach lines lie on or near the wif.
leading edge. Under these conditions the wing-leading-edge shock position is displaced forward from if',
theoretical position by the finite thickness effects of the leading edge. Thlis displacement results in
substantial losses in normal-force-curve slope and consequently, in roll damping.

-- The empirical chart presented in Section 4.1.3.2 for determining the leading-edge-thickness effect on the.
"normal-force-curve slope of straight-tapered wings has been adopted in this section to determine tli
leading-edge-thickness effect on the roll damping. This chart is presented as figure 7.1 .2.2-27 in the forni

7.1.2. 2-7
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of a ratio of the actual roll-damping derivative to the theoretical roll-damping derivative. For
straight-tapered wings with sharp leading edges, the airfoil nose semiwedge angle (measured normal to

the wing leading edge) determines the shock position relative to the wing. Experimental data indicate
that the parameter corresponding to the nose semiwedge angle is Ayn = Ay/cos ALE, where sy is the
difference between the upper-surface ordinates at the 6-percent- and 0.15-percent-chord stations. The
parameter Ay is presented for several airfoil shapes in figure 2.2.1-8. For double-wedge and biconvex
airfoils there is a linear relationship between AyL and the leading-edge semiwedge angle, given by

Ay 1 = 5.85 tan 6L

Either Ayj or 5j1 may be used to calculate the thickness effects.

The Datcom" method is applicable to straight-tapered wings of arbitrary taper ratio with wing tips

parallel to the free stream and with subsonic or supersonic leading edges and supersonic trailing edges. A
further restriction is that the foremost Mach line from the tip may not intersect the remote lialf-wing.

Wings with inverse taper (A > 1) have not been considered. Wings with swept-forward leading edges are

included through the use of the reversibility theorem (references 13 and 14). The reversibility theorem
states that the roll-damping derivative Clp of the wing in forward flight equals the roll-damping
derivative of the same wing in reverse flight.

DATCOM METHOD

The wing zontribution to the roll-damping derivative C1 at supersonic speeds, based on the product

of wing arxa and the square of the wing span SW bw,,is given by

CP) thory A P

CC e A (per radian) 7.1.2.2-d
(CIP) theory

* where

A is the wing aspect ratio.

*(C)theory is the theoretical roll-damping parameter obtained from figures 7.1.2.2-25a through.

* A 7,1.2.2-,25e.

CL* is the empirical thickness correction factor obtained from figure 7.1.2.2-27.
C 1 )

The sonic trailng-edge boundaries on figures 7.1.2.2-25a through 7 .1.2. 2-25e represent an upper limit
for the true theoretical values of the derivatives. Values below the sonic trailing-edge boundary are for

wings with subsonic trailing edges and are in violation of one of the basic assumptions of the theory.

For configurations with subsonic trailing edges (iCot ATE < 1) the design charts will overestimate the
roll-damping derivative.

7.1.2.2-8
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It should be noted that the "kinks" in the curves of figures 7.1.2.2-25a through 7.1.2.2-25e correspond
to the conditions of sonic leading or trailing edges. Experimental evidence shows that these "kinks" do
not occur in practice.

"Comparisons of the supersonic roll-damping derivative in the linear-lift range calculated by this method
with test results are presented in tables 7.1.2.2-B and 7.1.2.2-C. The configurations listed in table
7.1.2.2-B have supersonic leading edges, while those of table 7.1.2.2-C have either sonic or subsonic
leading edges. The roll damping is predicted quite accurately by the Datcom method when the wing
leading edges are supersonic. However, when the wing leading edges are sonic or subsonic, the calculated
roll damping is in almost all cases considerably greater than that given by experiment. Application of the
"thickness correction factor presented as figure 7.1.2.2-27 improves the agreement between the calculated
and experimental values of roll damping in almost all cases presented in table 7.!.2.2-C, since this factor
represents a reduction in roll damping. For wings with subsonic leading edges the theoretical results
presented in figures 7.1.2.2-25a through 7.1.2.2-25e show the poorest agreement with experiment at the
lower values of P Dot ALE for a given value of PA.

nplrobem

Given: Wing 14 of reference 23.

AL = 600 Ae, 4 = 53.40 A = 3.12 = 0.25

Airfoil: Constant 3/16-in. thickness with symmetrical 50 bevel on all edges in a direction parallel to
the root chord.

B= 100

M = 2.41; P = 2.19

Compute:

PA = (2.19) (3.12) = 6.83

A tan A/2 = (3.12) (tan 53.40) = 4.20

= -0.0716 per rad (figure 7.1.2.2-25b)
A

P cot ALE 2.19 (cot 600) = 1.265 (supersonic leading edge)

t ALE tan 600
=- 2 = 0.791P 2.19

C1P
= 0.865 (figure 7.1.2.2-27)

7.1.2.2-9



Solution:

= A theo°iJ A (equation 7.1.2.2-d)
p • (C, P)theory

- (-0.0716) (3.12) (0.865)

= -0.193 per rad (based on Sw

This compares with a test result of -0.188 per radian from reference 23.

REFERENCES

1. Pearson, H. A.. and Jones, R. T.: Theoretical Stability and Control Characteristics of Wings With Various Amounts of Taper and Twist.

NACA TR 635, 1938. (U)

2. Swanson, R. S., and Priddy, E. L.: Lifting-Surface-Theory Values of the Damping in Roll and of the Parameter Used in Estimating

Aileron Stick Forces. NACA WR L-53, 1945. (U)

3. Toll, T. A., and Queijo, M. J.: Approximate Relations and Charts for Low-Speed Stability Derivtives of Swept Wings. NACA TN 1581,
1948. (U)

4. Polhamus, E. C.: A Simple Method of Estimating the Subsonic Lift and Damping in Roll of Sweptback Wings. NACA TN 1862, 1949.

(U)

5. Bird, J. D.: Some Theoretical Low-Speed Span-Loading Characteristics of Swept Wings in Roll end Sideslip. NACA TR 989, 1950. (U)

6. De Young, J.: Theoretical Antisymmetric Span Loading for Wings of Arbitrary Plan Form at Subsonic Speeds. NACA TR 1056, 1951.
(U)

7. Goodman, A., and Adair, G. H.: Estimation of the Damping in Roll of Wings Through the Normal Flight Range of Lift Coefficient.
NACA TN 1924, 1949. (U)

8. Quaijo, M. J., and Jacluat, B. M.: Calculated Effects of Geometric Dihedral on the Low.Speed Rolling Derivatives of Swept Wings. NACA

TN 1732,1948, (U)

9. Anon: Royal Aeronauticel Society Date Sheets - Aerodynamics, Vol. III (Aircraft S.06.03,01), 1957. (U)

10. Harmon, S. M., and Jeffreys, I.: Theoretical Lift and Damping in Roll of Thin Wings With Arbitrary Sweep end Taper at Supersonic
Speeds. Supersonic Loading and Trailing Edges. NACA TN 2114, 1960. (U)

.11. Malvestuto, F. S., Jr., Margolis, K., and Ribner, H. S.: Theoretical Lift and Damping in Roll at Supersonic Speeds of Thin Sweptbeck

Wings of Arbitrary Taper and Sweep at Supersonic Speeds. Subsonic Leading Edges and Supersonic Trailing Edges. NACA TR 970.
1950. (U)

12. Mangler. K. W.: Calculations of the Preasure Distribution Oer a Wing at Sonic Speeds. ARC R&M 2888, 1955. (U)

13. Harin,-,i S. M.: Theoretical Relations Between the Stability Derivatives of a Wing in Direct and in Reverse Supersonic Flow. NACA TN

1943, 1949. (U)

14. Brown, C. E.: The Reversibility Theorem for Thin Akrfoils in Subtonic and Supersonic Flow. NACA TN 1944, 1949. (U)

15. Letko, W., and Wolhert, W. D.: Effect of Sweepback on the Low-Speed Static and Rolling Stability Derivative of Thin Tapered Wings of

Aspect Ratio 4. NACA RM LgF14, 1949. (U)

16. Jopuet, B. M., and grower, J. D.: Effects of Various Outboard and Central Fins on LowSprId Static-Stability and Rolling Characteristics
of a Triangular-Wing Model. NACA RM L9E 18, 1949. (U)

7.1.2.2-10



17. Jaquat, B. M., and Brower, J. 0.: Low-Speed Static-StabIlity and Rolling Characteristics Of LOW-AePect-Ratl Wings of Triangular and
Modified Triangular Plan Forms. NACA RM L8L29, 1949. (U)

18. Bird, J!- D.. Lichttenstein, J. H., and Jaquet. B. M.-. Invetigetion of the Influence of Fuselage and Tail Surfaces on Low-Speed Static
Stability and Rolling Characteristics of a Swept-Wing Model. NACA TN 2741, 1952. (U)

19. Fisher, L. R.. and Michael, W. H., Jr.: An investiption of the Effect of Vertical-Pin Location endi Arm on Low-Speed Lateral Stability
Derhteives of a Samitailloss Airplane Model. NACA RM L51A1O, 1951. (U)

20. Goodman, A., and Thomats. 0. F.. Jr.' Effect of Wing Position and Fuselage Size on the Low-Speed Stetic and Rolling Stability
Characteristics of a Delta-Wing Model. NACA TR 1224,1955. (U)

21. Letko. W. and Riley, 0. R.: Effect of an Unawept Wing on the Contribution of Unsvwept-Tail Configurations to the Low-Speed Static
and Rolling-Stability DerihAtives of a Midwving Airplane Modal. NACA TN 2175, 1950. (U)

22. Wiggins, J. W., and Kuhn, R. E.: Wind-Tunne Investigation of the Aerodynamic Charactaristics in Pitch of Wing-Fuselage Combinations
at High Subsonic Spewds -Swoop Series. NACA RM 1-621318. 1952. (U)

23. Mc~oermon, R. W., and Heinke. H. S.. Jr.: I nvestigations of the Damping in Roll of Swept and Tapered Wings at Supersonic Speeds.
NACA RM L53A13, 1953. (U)

24. Bland. W. M., Jr., and Sandehi. C. A.: A Tedmqjtue Utilizing Rocket-Propelled Test Vehicles for the Measurement of the Damping in
Roil of Sting-Mounted Models and Some Initial Results for Delta and Unswept Tapered Wings. NACA RM L-501324, 1950. (U)

25. Bland, W. M., Jr., and Diatz, A. E.: Some Effects of Fuselage Interference, Wing Interference, and Sweepback on the Damping in Roll of
Untapered WingsasDetemined by Techniques Employing Rlocst.Propellsd Vehicles. NACA RM L511325. 1951. (U)

TABLE 7.1.2.2-A

SUBSONIC WING ROLLING DERIVATIVE C1

DATA SUMMARY

R1CL& D C I C
Ac4 Airfoil r 1  (per deg) 0 C.tlc. Test Percent

Ref. A X (deing Section (dog) M X 10-6 CL (test) (test) (per rod) (per red) Error

15 4.0 0.60 3.6 65AODS 0 0.13 0.72 0 0.065 0.033 -0.322 -0.345 6.7

0.1 0.072 -0.356 -0.346 - 2.9

0.2 0.072 -0.357 -0.347 -2 9

0.3 0.072 -0.367 -0.348 -2.6

0.4 0.067 -0.334 -0.355 5.91
0.5 0.067 -0.334 -0.370 9.7

0.6 0.063 -0.316 -0.370 14.6

I0.7 0.047 --0.240 -0.275 12.7

32.6 0 0.062 0.033 -0.306 -0.330 6.7

0.1. 0.062 -0.06 -0.330 6.7

0.2 0.062 -0.309 -0.336 8.0

0.3 0.066 -0.329 -0.360 8.

0.4 0.066 -0.330 -0.387 1.7

0.5 0.066 -0.332 --0.370 10.3

0.6 0.061 -0.309 -0.295 -4.7

0.7 0.046 -0.234 L-0.195 -20.J0

- - - -I -0.8, 0.027 - -0.145 -0.0B5 .1
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TABLE 7.1.2.2-A (CONTD)

L C C

"" Airfoil F (per dog) 0 Ca8c. Test Percent

Hof. A A (dog) .Sectioni (dog) M x 10-6 CL (test) (test) (per red) (per red) Error

15 4.0 0.60 46.7 66Ao06 0 0.13 0.72 0 0.062 0.033 -0.287 -0.300 4.3

. 0.1 0.062 -0.288 -0.305, 5.6

0.2 0.062 -0.288 -0.335 14.0

0,3 0.056 -0.309 -0.378 18.3

0.4 0.066 -0.312 -0.392 20.4

0.5 0.066 -0.315 -0.382 17.5

0.6 0.059 -0.285 -0.350 18.6

0,7 0.046 -0.230 -0.297 22.6

0,8 0.036 -0.193 -0.256 24.6
416 2.31 0 52.2 65 .006.5 0 0.13 1.624 0 0.045 0.020 -0.172 -0.165 - 4.2

0.1 -0.173 -0.175 1.1

0.2 -0.176 -0,180 2.2

0.3 -0.180 -0.180 0

0.4 -0.106 -0.182 -2.2

0.5 -0.195 -0.182 -7.1

0.6 -0.20M -0.180 -13.9

0.7 -0.218 -0.179 -21.8

0.8 -0.233 -0.172 -35.5

17 30 0.115 36.9 0012 0 0.13 1.254 0 0.025 0.036 -0.228 -0.230 0.9

0.1 0.0625 -0.228 -0.230 0.9

0.2 0.0525 -0.229 -0.232 1.3

0.3 0.053 -0.233 -0.235 0.9

0.4 0.053 -0.235 -0.232 -1.3

0.5 0.064 -0.243 -0.232 -4.7

0.6 0.054 -0.246 -0.228 -7.9

0.7 0.050 -0.234 -0.198 -18.1

0.8 0.030D0.5 -0.090 -71.1

2.31 0 52.2 1.624 0 0."il 0.033 -0.168 -0.150 -12.0

0.1 -0.169 --0.10 -12.7

0.2 -0.172 -0.150 -14.7

0.3 -0.176 -0.149 -18.1

0.4-0.183 -0.143 -28.0

0.5 -0.191 -0.138 -38.4

0.6 0.0435 -0.212 -0.128 -66.6

0.7 0.0435 -0.225 -0.120 -87.5

0.81 0.046 -0.245 -0.127 -92.9
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TABLE 7.1.2.2-A (CONTO)

R! CL CD CIP Clp

0 Cac. rrest Prcent
Ri. A k ud Setimm (deg M x 10-4 CL (esmt) (tat) Iper rmd) (per raoo Error

4.0 31.6 1 .23 0 0.056 0.037 -0.230 -0.227 - 5.3

0.1 -0.239 -0.230 -3.9

0.2 -0.240 -0.230 -4.3

0.3 -0.241 -0.235 -2.6

0.4 -0.243 -0.=2 -6.6

0.5 -0.245 -0.200 -22.5

0.6 0.0546 -0.242 -0.160 -51.2

0.7 0.047 -0.214 -0.117 -82.9

0.8 0.037 -0.178 - -

2.0 0.36 ,M 1.335 0 0.036 0.041 -0.183 -0.228 19.7

0.1 0.041 -0.208 -0.221 5.9

0.2 0.044 -0.224 -0.231 a0
0.3 -0.226 -0.232 2.6

0.4 -0.229 -0.222 -3.2

0.5 -0.233 -0.228 -2.2

0.6 1 -0.239 -0.242 1.7

0.7 0.043 -0.239 -0.250 4.4

,0 0.063 -0.295 -0.240 -22.9

is 2.61e I.O 45.0 0121J.E) 0 0.17 1.40 0 0.04W 2 0.023 -0.218 -0.230 5.2

0.1 -0.218 -0.232 6.0

0.2 -0.219 -0.235 6.8

0.3 -0.223 -0.240 7.1

0.4 g -0.227 -0.242 6.2

0.5 0.048 -0.245 -0.256 4.3

0.6 0.050 -0.260 -0.275 5.5

0.7 0.065 -0.339 -0.318 --6.6

0.8 0.0745 -0.393 -0.385 -2.1

19 3.60 0.481 36.16 0010.64 0 0.16 1.138 0 0.0515 0.018 -0.271 -0.266 - 1.9

0.1 0.055 -0.290 -0.261 -11.1

0.2 -0.290 -0.279 -3.9

0.3 -0.292 -0.290 -0.7

OA 0.056 -0.300 -0.299 -0.3
0.5 0.054 -0.292 -0.292 0

0.6 0.046 -0.254 -0.248 -2.4

0.7 0.035 -0.200 -0.150 -33.3

' 1 1 0.8 0.017 1 -0.110 -0.125 12.0
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TABLE 7.1.2.2-A (CONTO) a1 Ip !P e
AC C/D

A./4 Airfoil r '(Per dg) 0 COIc. Test Percent

R A X (dog) Section IdOg M x 10- CL (tutl) (to (pe red) (per red) Error

20 2.31 0 52.4 I AOo3 0 0.17 2.06 0 0.042 0.01h -0.170 -0.160 6 6.3

0.1 -0.171 -0,155 -10.3

0.2 -0.175 -0.158 -10.8

0.3 0.0455 -0.193 -0.165 -17.0

0.4 0.047 -0.205 -0.165 -24,2

0.5 0.048 -0.218 -0.162 -34.6

0.6 0.048 -0.228 -o.155 -47.1

0.7 0.047 -0.236 -0.150 -57.3

0.8 0.047 -0.250 -0.157 -59.2

21 4.0 0.6 0 9C5K~iP8 0 0.166. 0.88 0 0.06.1 0.027 --0.317 -0,330 3.9

0.1 -- 0.317 -0.340 6.8

% 0.2 -0.318 -0.370 14.1

0.3 -0.318 -- 0.392 18.9

0.4 -0.320 -0.384 16.7
0.6 I -0.321 -.0.355 9.6

Average Error - e__. = 115%

"'..22-n
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TABLE 7.1.2.2-8

SUPERSONIC WING ROLLING DERIVATIVE I

SUPERSONIC LEADING EDGES

DATA SUMMARY

,, E Airfoil -A (C 1P) Cole. Teot Percent
Re. A() M pcot AL section (dog) (pra) theory (per red) (per rad) Ero

23 3.07 0 60.0 2.41 1.27 Beveled 10.0 -.0.0536 0.866 -0.142 -0.139 2.2

1.90 0.26 60.0 2.41 1.27 - 10.0 -0.0982 0.866 -0.161 -0.163 - 1.2

1.91 0.26 55.0 1.93 1.16 8.75 -0.1126 0.860 -0.185 -0.195 - 5.1

2.41 1.54 -0.0980 0.913 -0.171 -0.188 - 9.0.

2.37 0.25 55.0 1.93 1.15 8.75 01 01 0.860 -0.207 -0.210 - 1.4

2.41 1.54 -0.0834 0.913 -0.181 -0.200 - 9.5

3.12 0.25 60.0 2.41 1.27 10.0 -0.0716 0.865 --0.193 -0.188 2.7

3.22 0.25 55.2 1.93 1.15 1 8.75 -0.0853 0.850 --0.234 -0.225 4.0

2.41 1.53 -0.0669 0.916 -0.197 -0.211 - 6.6

3.2 0.26 46.0 1.62 1.27 7.08 -0.1010 0.896 -0.282 -0.272 3.3

311.93 1.65 -0.0839 0.94 -0.248 -0.253 -2,0

42.41 2.20 -0.0642 1.000 -0.200 -0.190 5.3

1.83 0 65.0 1.93 1.16 8.75 -0.0972 0.860 -0.153 -0.160 -4.4

1 2.41 1.54 -0.0756 0,913 -0.127 -0.138 -8.0

1.82 0 50.0 1.62 1.07 7.8 -0.1070 0.863 -0.166 -0.185 ~-10.3

1 11.93 1.39 -0.0960 0.902 -0.158 -0.176 -10.2

24 1.4-0.0765 0.966 -0.132 -0.138 - 4.,

2.34 0 54.9 1.93 1.16 8.7 -0.0615 0.860 -.0.164 -0.170 - 3.5

2.41 1.5-0,0625 0.913 -0.133 -0.155 -14.2

2.31 0 46.0 1.62 1.27 7.06 -0.0882 0.896 --0.203 -0.210 - 3.3

1.93 1.65 -0.0790 0.945 -0.172 -0.187 - 8.0

2.1 2.20 -0.0610 1.000 -0.141 -0.140 0.7

2.4 0 404 f62 1560 6.57 -0.0862 0.933 -0,210 -0.229 - 8.3

404 1.93 j1.94 -0.0775 0.996 -0.180 -0.170 5.9
2.4 I 2.I -00 1,0M0 -0.140 -0.165 - 9.7

--. 4 2.6 -0.0699-- j ______

7.1.2.2-15



TABLE 7.1.2.2-8 ICONTD)

ALE Airfoil A - CIC. T int Pecent

f. A e m P cot Section (per d) per red) (per rd) Error

23 3.07 0 45.0 1.62 1.27 04WOled 7.08 -0.0795 0.895 --0.218 -0.214 1.9

3 0 1.93 1.65 -0.0627 0.945 -0.181 -0.200 49.5

K1 1 2.41 2.20 -0.0483 1.000 -0.148 -0.144 2.8

3.02 5 33.4 1.62 1.93 6.08 -0.0778 1.000 -0.235 -0.224 484

1.93 2.50 0.0613 1.000 -0.185 -0.178 30 9

1 2.41 3.34 -0.0480 1.000 -0.145 --0.134 8.2

1.88 0.2 33.5 1.62 1,93 6.0 -0.1292 1.000 1-0.243 -0.257 -5,4

S 1.93 2.50 -0.1163 1.000 -0.219 -- 0.210 4.3

2.33 0.25 46.0 1.62 1.27 7.08 -0.1163 0.895 -0.243 -0.240 1.3I 1.93 1.65 0,1032 0.945 -0.227 -0.235 - 3.4

2.41 2.00 --0.0823 1.000 -0.192 -0.186 3,2

2.410 273 1.62 2.46 5.64 -0.1172 1.000 -0.282 --0,275 2.5

VI

3.22 0 1.93 3.28 -0.099 1000 0.23 -0 - 70.225 1.2

"2.41 4.25 -0.0780 1.000 -0.188 -0.178 3.6

. 2.37 0.25 27 4 1.62 2.46 5.65 -0.1185 1.000 -0.281 -0.267 5.2

2.8 0 1.93 3.19 -0.0998 1.000 --0.237 -0.218 8.7

I 2.41 1.5 .-0.0790 1.000 -0.187 -0.173 8.1

3.22 40 21.2 1.62 3.28 7.36 -0.0965 1.000 -0.311 -0.317 - 1.9

S 1.93 4.25 0 0775 1.000 -0.250 -0.220 1306

S2.4' 6.66 -0.0606 1.000 -0.195 -6.175 11.

"m2.32 0 50,0 2.41 1.27 10.0 -0.0651 0.865 -0,131 -0,138 5.1

2.81 0 55.0, 1.93 1.16 8.75 -0.0868 0.861 -0.207 -0.167 24.0

..- 2.41 1.54 -0.0611 0.013 -0.167 -0.160 4.4
3.40 0 50.0 1.62 1.07 7.8 -0.0778 0.865 --0.226 --0.20}6 10.2

m'[ ; I 1.93 1.39 I 0.0595 0.905 -0.183 -0.205 -10.7

- * • • 2.41 1.84 -0.0453 0.966 -0.149 --0,156 4.5
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TABLE 7.12.2-B CONTO)

(C ' P) th eor y C I P C l c 'p
ALE Airfoil A (C)Cic. Tat Prce

Hof. A X (deg) M Cot ALE Section Ay. (per red) heory (per red) (per red) Error

24 4.00 0 45.0 1.485 1.097 Symmetrical 3.24 -0.075 0.934 -0.280 -0.20 0
dbl. wedge
t/c = 0.04

4.00 0 46.0 1.485 1.097 Symmetricel 7.3 -0.075 0.867 -0.260 -0.230 13.0
dbl. wedge
t/c = 0.09

4.00 0.50 9.5 1.70 . 8.21 Symmetical 2.67 -0.084 1.000 -0.336 -0.350 - 4.0

dbl. wedge
t/c - 0.046

1.485 6.56 -0.100 1.000 -0.400 -0.406 - 1.2

1.414 5.98 -0.106 1.000 -0.424 -0.440 - 3.6

25 3.70 1.00 0 1.60 o 65A009 16.6 -0.101 1.000 -0.374 -0.342 9.4

1.50 -0.1075 1.000 -0.306 -0.360 10.6

1.414 -0.1140 1.000 -0.423 -0.376 12.5

1.30 -0.1236 1.000 -0,467 -0.390 17.2

13.70 1.00 46.0 1.60 1.25 66A00 16.6 -0.101 0.812 -0.303 -0.310 -- 2.3

M1.50 1.12 -0.105 0.792 -0.30B -0.307 0.3

Avmege Error &=6.2%
n
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TABLE 7.1.2.2-C

SUPER3ONICWING ROLLING DERIVATIVE C~r

SUBSONIC OR SONIC LEADING EDGE

DATA SUMMARY

1p hoy Cl e+ Cp

ALE P cot A Airfoil A ICec, Test Percent

Ref. A A (dog) M Section (Perrod) (peo r ed) (perrad) Error
-• 1 ... .. . ____ -_________ _-7 -1o 01.82 0 70.0 1.62 0,466 B eveled -0.0810 1.000

1.5 I-.47 -0.120 22.5* I Flat Plate

S1.3 0 ,600 -0.0795 0.922 --0.134 -0.114 17.5

2.41 0.8W0 -0.0769 0.820 --0.115 --0.090 27.8

2.34 0 699 132 0.4665 1.52 -0.0707 1.000 -0.165 --0.092 79.3
1 1.93 0.605 -0.0698 0.920 -0.150 -.0.098 53.1

2241 .805 -0.0m 0.818 -0.128 -0.080 60.0

2.33 .0 1.62 0.595 1.22 -0.0797 0.914 --0.175 -0.140 25.0

1.93 0.770 -0.0770 0.850 -0.162 -0.116 31.0

•--2.41 t .0m0 -0.0683 0.800 "--0.127 --0.118 7.6

3.07 0 60..0 I1.62 0.795 1.03 -0.0752 0.840 -0.207 -0.1743 16.7

1,93 0,770 .-0.062 0.850 .-0.173 -0.116 49.1

2.41 1.000 -0.0587 0,800 -0.144 --0.109
3.0•7 0 80.0 11.62 0,735 1.03 -0.0752 0.880 .-0.203 .-0.174 1.

I I 1.93 0.,9 5 -0.0705 0.820 -0,17 -0.158 1.

1.87 0.25 70.0 1.62 0.406 1.52 -0.0937 1,000 -0.175 -0.098 78.6

1.3 0I0 -,0.0943 0.922 -0.162 -0.116 3.

2.41 0.800 -0.0916 0.820 -0.140 -0.086 IC.8

1.84 0.25 .7 1.62 0.604 1.21 -0.1058 0.938 -0.183 -0.187 2.1

1.93 0.782 -0.1046 0.845 -0.162 -0.135 20.0

S2.41 1.000 -0.0988 .807 -0.147 -0.113 30.1

1.90 0.25 60.0 1.62. 0.736 1.03 -0.11115 0.880 -0.187 -0.219 -14.6

1.93 0.955 -0,1097 0.820 -0.171 --0.176 - 2.0

1.91 0.25 55.0 1.62 oJego 0.90 -0.11176 0.840 -0.188 -0.222 -15.3

2.37 0.25 70.0 1.62 0.466 1.52 -0.0805 1.000 --0.191 -0.142 34.5

1.93 0.600 --0.0833 0.922 -0.182 -0.118 54.2

2.41 0.8W0 _ :-0022 0.820 -0.160 -0.098 66C7
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TABLE 7.122-C (CONTD)

(ct),~v c, cz cs

ALE Airfoil A )th CaIc. Test PercuntRot. A X Id@0 M pC" A LE Sedion Avi (1• m1m ( my__ Ipm red) (per red) Enw

23 2.34 0.25 5.0 1.82 0.5 BMWled 1.22 - 0.940 -0210 -0.183 14.8

123 0.770 -0.034 41.50 -0.186 -0.127 46.5

2A 1 000 * )0070 0600 -0.163 -0.127 28.3

2.37 0.25 15.0 12 O62 0.0 -0.1002 0.840 -0218 -0.221 - 1.4

3.06 0.25 05.1 1.62 0.502 1.22 -0.062 0.950 -0.239 -0.155 54.2

1, 0.70 -0.0818 0850 -0.213 -0.132 61.4

2. 1 .000-0*75-G 7 0.300 -0.185 -0.120 64.2

312 0.25 6 1.2 0.75 1.03 --0.00 0.800 -0.248 -0230 7.8

1 1 1 113 0.995 -0.070 0.820 -0.222 -0.2"5 8.3

3.22 025 12 1.2 GUS 0.30 -0.0043 0.840 -0256 -0226 12.3

1.83 0 1. 1.62 0.33 . 00 -*.1040 0.40 -0.160 -0.156 2.6

2.34 0 54. 1.62 0 O65 -0=67 0.3 -0.187 -0.187 0

2.32 0 6. 12 0735 1.03 -0.00 0.3 -0.181 -0.156 14.6

1 1 1 1 23 0.15 I -0*5 0.20 -0.163 -0.155 52

2.31 0 55 12 0.300 080 -0 0 0.840 -0.210 -0.172 22.1

24 4.00 0 45 1.414 1.00 Sgmmmrol 0.=32 -4 0.810 -0.300 -0.210 10.4

I .~ -t/c .0.04

4.00 0 45 A14 10 Syvmnmm8ica 0.75 -0.O00 0.343 -0233 -0230 25.2;dbL win cw
4t t I i

I25 3.WO 0I 45.0 1.A14 1.000 GAO0S 1.74 -0.106 0.770 -0.302 - 14.0

I 1 0 03o -0.10565 .,0o , -0.312 -0.311 0.3_ _ _ _ _ _ _ _ _ _ _ _ _ _ _ ___ _ _

AmwwrqEror - 20.4
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SUBSONIC SPEEDS
(a) X =0

P3A

CL10

88

-3.5-
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SUBSONIC SPEEDS

Li(b) ?,= 0.25
P3A

CL 4

(per rad)

b2.
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SUBSONIC SPEEDS

Mc X 0.5 0

101

FIGUE 7..2.20 (CNTD
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SUBSONIC S,'EEDS
(d) X 1.0

-. 10

4.51
____L__ 0



SUBSONIC SPEEDS

(deg)

70

60

(C,)

C 2
L

(per rad) -2 -__

50

A

FIGURE 7.1.2.2 -24 DRAG-DUE-TO-LIFT ROLL-DAMPING PARAMETER
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SUPERSONIC SPEEDS

k -. 10

-.03

-A /SONIC T. E.

-. 097
(per rad)5 s

-. 06 - _ ____ _ 6

-.05 w

c/2' (b).X.0.25



-. 14 --- SUPERSONIC SPEEDS

-. 3A TANA,/ 2  (c) X =0.50 _ __

2/_

( ) -. 10

A4
- .09

(per rad)

-. 08 - __ __ __

-.07~

V.0

-.05

-.123 y

-. 11-

A -. 09--- ~

Ki: (per rad)

FIGUR 7.12.2-2 (COTD)AA 10
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SUPERSONIC SPEEDS

A TAN A,,/2  (e)X =1.

-. 12 7~I -_

FIGUR 7.12,25(CND

1.081.

-.06-.

(CGU) (...22 t pOTD )Ahe

C,

.8' - .8

.7-

* .6 -*For wedge leading edge onlyI

0 .2' . 6 . 1.0 .8 .6 .4 .2 (
#i/TAN AL TAN ALE~

FIGURE 7.1.2.2-27 DAMPING-IN-ROLL CORRECTION FACTOR FOR
SONIC-LEADING-EDGE REGION
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7.1.2.3 WING ROLLING DERIVATIVE Cnp

This section presents methods for estimating the wing contribution to the rolling derivative C. at
subsonic and supersonic speeds. This derivative is the change in yawing-moment coefficient with change
in wing-tip helix angle and is expressed as

acn
Cn. P pb

A SUBSONIC

The wing rolling derivative Cn, results because the unsymmetrical lift distribution causes a difference in
drag between the wing panels when the wing is rolling.

The method for estimating the wing rolling derivative Cn- , is derived from an analysis of references I
through 5. The method is applicable over the lift-coefficient range up to the stall, providing reliable
values of lift and drag are available over this range.

The value of C. near zero-lift coefficient is the potential-flow value based on simple-sweep theory
from reference f. The effects of linear wing twist and symmetric flap deflection are taken from
references I and 3. Geometric dihedral also causes an increment in yawing moment that is associated
with the increment in lateral force. The empirical results of reference 4 show that this increment is
independent of lift coefficient over the low to moderate lift-coefficient range and increases at the higher
vilues of lift coefficient. However, over the range of wing dihedral angles of practical interest the
increment in C,, due to dihedral is very small and may be neglected.

At moderate or high lift coefficients, a comparatively large change in Cnp/CL occurs, especially for
swept wings, due to the rise in drag associated with the increase in lift. In references 2 and 5, methods
are presented for evaluating Ca over the lift-coefficient range up to the stall by using a correction
factor to account for the variation of profile drag with lift coefficient. Results obtained by using the
methods of both references 2 and 5 for estimating C, over the lift-coefficient range have been
analyzed and the method of reference 5 selected for the Darcom.

Theoretically, the tip-suction contribution to the lateral force also contributes to the yawing moment.
Since this contribution is inversely proportional to aspect ratio, the increment in Cp due to tip suction
becomes quite significant for highly swept and/or low-aspect-ratio planforms. A comparison has been
made of C., calculated with and without the tip-suction effect of reference 5 with test results. In all
cases better agreement was obtained when the tip-suction effects were neglected. The analysis indicates a
loss in tip suction particularly at the higher lift coefficients. Therefore, the effect of tip suction has been
omitted from the Datcom.

If experimental lift and drag data for the particular planform of interest are not available at the chosen
Machi number, no attempt should be made to estimate the variation of Cp with lift coefficient. No
known general method for estimating the variation of drag coefficient will give results reliable enough to
use in determining the correction factor for extrapolating the potential-flow values to higher lift
coefficients.

7.1.2.3-I



"DATCOM METHOD
S'

Tlh variation of the wing rolling derivative CA, with lift coefficient at subsonic speeds, based on the
product of the wing area and the square of the 'ing span SW b, is given by

CA K1  \C / ae- tan~ ce C CL] + A~n
: " M

I + L -f (per radian) 7.1.2.3-a

where

C1  is the roll-damping derivative at the appropriate Mach number estimated by using the
SCpmethod of paragraph A of Section 7.1.2.2.

is the angle of attack in degrees.

CL is the lift coefficient.

( n,,, )CL is the slope of the yawing moment due to rolling at zero lift given by\ L ' L0

A+cs~ 4  AB + i(AB +cos A. 'CA
2AP + 4cosan/4 /4 (C/4

M( •-P)CL. (AB+4cosAc 4 'LA + (A+c4A cos)tan 2 A, 4 j CL__P 7.

M 2ttj, . M-•0

7.1.2.3-b

where B =/ --M2 cos2 Ac/4 and

is the slope of the low-speed yawing moment due to iolling at zero lift
CL-)c=Lo given by

M-0

R tanA tan2 A
(C+v) _ +6(A + cos Ac, 4 ) 4A + 12

\ CL O ) .0 6 A + 4 cos Ac 4
M-0 (per radian)

7.1.2.3-c

7, 1.2.3-2



where I is the distance from the center of gravity to the aerodynamic
center, positive when the a.c. is aft of the c.g. and c is the wing mean
aerodynamic chord. Equation 7.1.2.3-b modifies the low-speed value of
equation 7.1.2.3-c by means of the Prandtl-Glauert rule to yield approxi-
mate corrections for the first-order three-dimensional effects of compress-
ible flow up to the critical Mach number.

ACS-. ac
is the effect of linear wing twist obtained from figure 7.1.2.3-12.

9

0 is the wing twist between the root and tip stations in degrees, negative for washout
(see figure 7.1.2.3-12).

Ac P is the effect of symmetric flap deflection obtained from figure 7.1.2.3-13.

act

6( is the streamwise fap deflection in degrees.

(-) is the two-dimensional lift-effectiveness parameter as obtained from Section 6.1.1.1.

K is a dimensioniess correction factor used to extrapolate the potential-flow values to
high lift coefficients. This is the same correction factor used in Section 7.1.2.1 to
account for the variation of profile drag with lift coefficient. At zero lift this factor
is taken as 1.0. At lift coefficients other than zero this factor accounts for the
uistioe of profile drag with lift coefficient and is given by

a a

K %( tanc) - --CD0) 7.1.2.3-d

S(C tan a) - z

Test values of lift and drag at the chosen Mach number for the particular planfornii
of interest must be used in evaluating equation 7.1.2.3-d. The terms of this equation
are evaluated by taking the slopes of CL tana, (CD - CD 0 ), and CL 2 /(wA), plotted
versus angle of attack.

, If reliable values of the static-force coefficients are available, the method should provide results within

±20 percent accuracy throughout the lift-coefficient range to the stall.

7.1.2.3-3



Sample Problem

Given: The wing designated 45-4.0-0.6-006 of references 5 and 8.

Wing Characteristics:

A=4.0 X= 0.6 Ac/ 4 =450 0 =0

E S = 2.25sqft b 3.0ft

NACA 65A006 Airfoil Y 0 [origin of moments (c.g.) located at xac.]

Additional Characteristics:

M = 0.70; 3 = 0.714 R ; 3.1 x 106

The following values of a and CD are test results from reference 8. The variation of C1 P
with C, has been calculated using the method of paragraph A of Section 7.1.2.2.

CLC 0 .1 .2 .3 .4 .5 .6 .7 .75

a 01 1.70 3.30 4.90 6.55 8.00 9.60 11.80 13.20

CD .011 .0121 .016 .024 .040 .063 .094 .138 170

C -. 314 314 12 .326 -. 325 - .280 -. 181 -. 156

Compute:

Determine the slope of the yawing moment due to rolling at zeru lifi• \CL /)c .o

M
I( tan A tan2'A

c/4 /14

1 A+6(A+cosA,/ 4 )kE A + 12 /
(equation 7.1.2.3-c)

CL CL= +cs
M=0

L an2 45°•,
M4.0+6(4.0+ cos,450) 0+-d

11

6 4.0 + 4 cos 450

' i 4.0 + 6 (4.7071)+

6 4.0-+2.828 - --. 5 rr

•..r...7.1,2.3-4
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B =/1- M2 cos2 A,, - (0.7)2 (0.7071)2 0.87

A + 4 cos Ac/ 4  4.0 + (4.0) (0.7071) 6.828
.. . . 1. 1082

AB AB+4cosAc/4  (4.0) (0,87) + (4.0)(0.7071) 6,308

AB2+I (AB +cos A.4) tan2Ac14 (4.0) (0.87) + - 1(4.0) (0.87) + 0.70711 (1)

A + I (A + cos A!4 tan2 A¢ 4.0 + -L 14.0 + 0.70711 (1)
2 c4 c42

5.7- 0.877
6.354

[AB+ I (AB +cosAc 4 ) tan2 Ac/4 -C

C L = AB +4 cosAc/ 4  -A. (A +cos A~ tan2 A 1 4

(equation 7.1.2.3-b)

= (1,082) (0.877) (-0.155) -0.147 per rad' •-'
Determine the K factor

8
-•(c taa) - (E ( -D

K = (equation 7,1.2.3-d)
n/c

Tiaa a CL.tnC00 L P

CL (dog) tan Q Test •p-o,1

0 0 0 0 .011 J 0

• 1 70 .02968 .00297 .012 .001 00

.2 3,30 .05766 .01153 .016 .000 .. 0318

.3 4.90 .08573 .02572 .024 .013 .00716

A4 6.55 .1148 .04592 .U40 .029 .01273

- 8.00 .1405 .07027 .063 .062 .01990

.6 9.60 .1691 .1015 .094 .083 02860

.7 11.80 .2089 .1462 .138 .127 .03900

. 1 !3.20 .2346 .1760 .170 .159 .04476

7.1.2.3-5
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Plot CL tang , CD -CD 0 , and CL2/(rA) versus angle of attack (see sketch (a)).

.18 4
C TAN 7Q

.16- CD -CD 0

.14-

.10-

.08-

.06-
C L2K ~.04 ir

.02 -'

0 2 4 6 8 10 12 14

a (deg)

SKETCH (a)

a/C 2\ K
* ~ ~ ~ (c~~tanx) .. (c- car (cc) (.C)~L} a& To, -- 0Aa\ (eq. 7.1.2.3-d)

.10033 .0014 .0010 .826

.3.005.09.00.8

.4 .01440 .0128 .0040 .154

.6 .01720 .0173 .00616 --. 008

.6 .0195 .0195 '0051 0

.7 .0212 .0215 .0041 -. 018

.7 .0216 .0220 WO3

7.1.2.3-6



Solution:
Ci - C tan -e K -C, tan a - C (equation 7.1.2.3-a)P .P) p0 \ / L=

- tane- K [-C1  tana -(-0.147) CL -Cl tan a 0 K) -0.147 CL K
Q -C(D

•c¢p p p

00 CSec. 7.1.2.2 IP tana - K c I tancv(1-K) basd on swtý

C L (per redi ) tan K 1- p 0,147K e•. 7.1.2.3.a
0.147 prad

0 -. 314 0 1,00 0 0 0 0

.1 -. 314 -. 0093 .826 .174 .00162 .0121 -. 0105

.2 -. 313 -. 0180 &99 ,301 .00542 .0206 -. 0152

.3 -. 312 -. 0267 .483 .517 .0138 .0213 -. 0075

.4 --.32 -. 0374 .1,54 ..846 .0317 .0091 0226. .5 -. 325 -. 0467 -. 008 1.008.400.06

I D460 0.0460
.6 -. 280 -. 0474 0 1.00 .0474 0 .0474

.7 -. 181 -. 0378 -. 018 1.018 .0385 -. 0019 .0404

.75 -. 156 -. 0368, -. 023 1.023 .0374 -. 0025 .0399

The calculated results are compared with test values from reference 5 in sketch (b).

S.1 0 T estp o ints, Calculated

C.

(per rad)

-10

.2 .4 .6 .8CL

SKETCH (b)

7.1.2.3-7
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B . TRANSONIC

No generalized method is available in the literature for estimating transonic values of the rolling
derivative Cnp. Furthermore, no known experimental results are available for this derivative at transonic
speeds.

C. SUPERSONIC

At supersonic speeds design charts based on theoretical calculations are presented for estimating the
rolling derivative CP at low values of the lift coefficient.

The design charts are based on the results of reference 6 for wings with subsonic leading edges and
supersonic trailing edges, and on the results of reference 7 for wings with supersonic leading edges and
either subsonic or supersonic trailing edges. The results of both references 6 and 7 are based on
linearized-supersonic-flow theory and are therefore restricted to thin, swept-back, tapered wings with
streamwise tips. The yawing moment due to rolling is taken as that arising entirely from suction forces
on the wing edges. For wings with supersonic leading edges no suction forces are induced along the
leading edges; consequently, the determination of Cnp involves only the unbalanced suction forces
along the wing tips. Therefore, no design chart is presented for zero-taper wings with supersonic leading
edges, since the theory gives C,, = 0.

The design charts for wings with subsonic leading edges give values of C,. that are referred to body
axes with the origin located at the wing apex. The design charts fur wings with supersonic leading edges
give values of Cnp that are referred to body axes with the origin located at the projection of the
leading edge of the tip on the wing root chord. The Datcom method presents transformation fo1mulas
for conversion from body axes to stability axes with the origin located at an arbitrary distance from the
leading edge.

r No experimental data are available for this derivative at supersonic speeds. Therefore, the validity of
linearized-supersonic-flow theory for estimating CP cannot be determined.

DATCOM METHOD

* - Subsonic Leading Edges (P cot ALE < 1)

• For wings with subsonic leading edges the contribution to the rolling derivative C,, at supersonic
speeds, and at low values of the lift coefficient is given by

Cn n.. 2 xcg

bo dyI) + ( - (C - c) (per radian2) 7.1.2.3-e
body A(]+ Q
axis

where

-'n"- is the supersonic yawing moment due to rolling teterred to stability axes with the
origin at the center of gravity.

7.1.2.3-8



(Cn
" od is the supersonic yawing moment due to rolling referred to body axes with the

body origin at the wing apex, given by
axis

C 
,P .€PC0 

C ,2
= + _ (per radian2) 7.1.2.3-f

body 1 2
axis

where

( ) is obtained from figure 7.1.2.3i-14a through 7.1.2.3 14d as a function of
1 A, P cot ALE, and taper ratio. For X = 0, (Ci/a) 1 = 0.

Cn p

-4( /2) 2and( 3.) are obtained from figure 7.1.2.3.16 as a function of

13 cot ALE.

xC." is the distance from the wing apex to the center of gravity in root chords, positive
n• when the e.g. is aft of the wing apex.

Cy
is the supersonic side force due to rolling obtained by using the method of paragraph

C of Section 7.1.2. 1.
is the supersonic roll-damping derivative obtained by using the method of paragraph
C of Section 7.1.2.2.

is the supersonic yaw-damping derivative. It is negligible except for very low-aspect-
ratio wings. References are noted in paragraph C of Section 7.1.3.3 that outline

approximate methods that may be used to determine this derivative.

a is the angle of attack in radians.

Supersonic Leading Edges (P cot ALE > 1)

For wings with supersonic leading edges the contribution to the rolling derivative CP at supersonic
speeds and at low values of the lift coefficient is gi.'en by

-- P a Pbody + X) 2 tan ALE] - -- C1  (per radian2 )
"Lody xA

axis 7.1.2.3-g

L



where

'f-" C

4- is the supersonic yawing moment due to rolling referred to stability axes with the
origin at the center of gravity.

"(". ,is the supersonic yawing moment due to rolling referred to body axes with the

body origin at the projection of the leading edge of the tip on the wing root chord. It is
axis obtained from figures 7.1.2.3-17a through 7.1.2.3-17d as a function of P3A, P3 cot

ALE, and taper ratio. No design chart is presented for zero-taper wings
since (Cnpll/)body = 0 for these planforms. For wings with taper ratios less than

axis0.25 O, < 0.25) values of (Cnp/a!)bo~dy should be obtained by extrapolating values
aXIS

from figures 7.1.2.3-17a through 7.1.2.3-17d.

The remaining terms in equation 7.1.2.3-g are defined under the subsonic-leading-edge case.

Sample Problem

Given: Tapered, swept-back wing

"-A ,.22 X = 0.25 ALE 55.20 A• 2  = 46.80

r M = 2.41; 1 2.19 Xc.g. 0.742

Compute:

,•cot ALE= (2.19) (cot 55.20) 1.522 (supersonic leading edge)

9A = (2.19) (3.22) = 7.07

7= 0.50 per rad2  (figure 7.1.2.1-10)

-.-. = -0.0114 per rad2  (figure 7.1.2.3-17a)
body
axis

A tan Aq = (3.22) (tan 46.80) = 3.433

"" -0.066 per rad (figure 7.1.2.2-25b)

A

7.1,2.3-10



C1  -- (-0.066) (3.22) - -0.213 per rad
P

S -' Solution:

Cn (Cp) [ 2 x.... 1 C_S=+tan A.L FC
=e + AG + tan AL I Cr -C (equation 7.1.2.3-g

a! a body LA(1+X) 2 jP
axis

r 2(0.742) 11
= -01.014 + - tan 55.20 0.50 - (-0.213)

L3.22(1 +0.25) 24
= -0.0114 + [0.3687 - 0.71941 0.50 + 0.213

= 0.026 per rad2  (-efened to stability axes with origi at x,.,. and based on Swbwz)
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7.1.3 WING YAWING DERIVATIVES

7.1.3.1 WING YAWING DERIVATIVE Cv

This section recommends methods for estimating the wing contribution to the yawing derivative
Cy, at subsonic and supersonic speeds. However, at subsonic, transonic, and supersonic speeds
no generalized methods are available for estimating the wing contribution to Cy ,. This derivative
is the change in side-force coefficient with variation in yawing velocity and is expressed as

aCv
C -yr a rb "

rVv

A. SUBSONIC

The wing contribution to Cy, is best evaluated from available experimental data (see table 7-A
and references 1, 2, 3, and 4), since no generalized method is availab;e in the literature.

However, a method is available in reference I for wings with a taper ratio of one and moderate
sweep at low subsonic speeds. The range and accuracy of th-is method arr limited and generally

U - • inadequate for making reliable estimates of the wing contribution.

Since the wing contribution to Cy, is usually quite small in comparison to the vertical-tail
contribution, it is somiktimes neglected.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the wing
contribution to the yawing denvative Cy ,. Furthennore, there is a scarcity of experimental data
for this derivative at transonic speeds.

C. SUPERSONIC

No generaiized method is available in the literature for estimating supersordc values of the wing
contribution to the yawing derivative Cyr. A few theoretical methods are available for specific
configurations (see table 7-A). Although the use of experimental data for a similar configuration
is preferable to theoretical methods, experimental data are so scarce that the use of the limited
theoretical methods becomes the only alternative for most configurations.

REFERENCES

1. Toll, T. A., and Oueijo, M. J.: Approximate Relations end Charts for Low-Speed Stsbilit Derivetive& of Swept Winp. NACA
TN 1581, 1948. (U)
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3. Goodman, A., and Brewer, J. D.: In tigptIon at Low Speeds of the Effect of Aqspct Ratio and Sweep on Static and Yawing
Stability Deratives of Unuaperad Winp. NACA TN 1689, 1948. (U)

4. Letko. W., and Cowen, J. W.: Effect of Taper Ratio on Low-Speed Static and Yawing Stability Derivatives of 45- Sweptback
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7.1.3.2 WING YAWING DERIVATIVE C1,

This section presents a method for estimating thei wing contribution to the yawing derivative C4 -at
subsonic speeds. No generalized methods are available for estimating C/, at transonic and supersonic
speeds; however, theoretical methods for determining this derivative at supersonic speeds for special
classes of wing planforms are discussed. This derivative is the change in rolling-moment coefficient with
change in the yawing-velocity parameter and is expressed as

ac1

A. SUBSONIC

The wing yawing derivative C1, results from the lift differential between the wing panels when the
vehicle is yawed about its vertical axis.

Over the range of lift coefficients for which C1, is linear with CL, the derivative Cj. for wings without
geometric dihedral, twist, or flaps is based on the lifting-line theory of reference I for aspect ratios
greater than three and on the experimental data of references 2 and 3 for aspect ratios less than three.
The increment in C1, due to geometric dihedral is taken from reference 4. The effects of symmetric
flap deflection and wing twist are taken from reference 1.

In addition to the increments in C1, due to dihedral, twist, and flaps, an additional increment
in C1. arises due to Cy, if the center of gravity does not lie at the same height as the quarter-chord
point of the wing MAC. This contribution is obtained from the expression

(AClr)etorce =-C

where z is the vertical distance between the center of gravity and the quarter-chord point of the wing
MAC, positive for the c.g. above U/4. The side force due to yawing Cyr is small except at high angles
of attack. Therefore, this increment in C1r is omitted from the Datcom method.

The fore and aft movement of the center of gravity also affects C1,, but this effect is neglected because
of the questionable accuracy of the basic effect of wing sweep.

The method of reference 5 is applied to extrapolate the potential-flow value of C4 to higher lift
coefficients. The method is semiempirical in that it requires test values to determine the correction
factors to be applied to the theory. Analysis of experimental data shows that the discrepancies between
theoretical and experimental values of C1. for wings are similar to the discrepancies between theoretical
and experimental values of the static derivative ClD, Based on this analysis, a correction factor is applied
in reference 5, which is the increi, -ntal value of C1. obtained by subtracting the experimental value
from the theoretical value.

7.1.3.2-1



Experimental data indicate that for unswept wings C11 is nearly proportional to the lift coefficien• until
maximum lift occurs. For sweptback wings, a linear variation is obtained over only a limited lift range,
which is reduced as sweep increases. At high lift coefficients C1, decreases, and for sweptback wings
may become negative near maximum lift.

If reliable values of the rolling moment due to sideslip Q, are available, the method should provide
results within ±20-percent accuracy over the lift-coefficient range for which C1. is approximately linear
with CL.

DATCOM METHOD

The variation of the wing yawing derivative C1, with lift coefficient, based on the product of the wing
area and the square of the wing span Swb, , is given by

La 8k•-, 7.1.3.2-a

whereC C + r + + (per radian)

_r ] is the slope of the rolling moment due to yawing at zero lift given by
MM

A(IB2) AB + 2 cos A tan2AX/

1+L A(l -B) c/4 ___c/4

( 2B(AB + 2 cos A,/ 4) AB+4 cos A,/ 4  8
=~ 7.1.3.2-b

\L A + 2 cos Ac/ 4 tan2 AC/4 a1+1A+4cos Ac./4 8

where B [/l-M2 cos2Ac! 4 and

is the slope of the low-speed rolling moment due to yawing at zero lift,
CLc0 obtained from figure 7.1.3.2-10 as a function of aspect ratio, sweep of

M =o the quarter-chord, and taper ratio. This chart has been derived by using
the results of references 1, 2, and 3. Equation 7.1.3.2-b modifies the low-
speed value by means of the Prandtl-Glauert rule to yield approximate
corrections for the first-order three-dimensional effects of compressible
flow up to the critical Mach number.
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CL is the wing lift coefficient.

(AC, ) is a semiempirical correction factor used to extrapolate the potential-flow values of
CL C 1, to higher lift coefficients. This parameter is given by

(AC1 ) = CL CL )- (Ca)t (per radian) 7.1.3.2-c

where

Cl,
- is the theoretical value of the slope of the rolling moment due to sideslip

CL at zero lift obtained by using the method of paragraph A of Section
5.1.2. 1, neglecting the effects of twist and dihedral. In applying this
method the compressibility correction to the sweep contribution should be
considered.

C,) is the experimental value of the rolling moment due to sideslip at the
test appropriate Mach number.

Aq,

is the increment in Cr1 due to dihedral, given byr

AC/r ' urA sin Ac/4
- = - v (per radian2 ) 7.1.3.2-d
r 12 A + 4 cos Ac/4

r is the geometric dihedral angle in radians, positive for the wing tip above the plane of
the root chord.

ACI

g r is the increment in CIr due to wing twist obtained from figure 7.1.3.2-11.

O is the wing twist between the root and tip sections in degrees, negative for washout
(see figure 7.1.3.2-11).

AC1 I is the effect of symmetric flap deflection obtained from figure 7.1.3.2-12.

8f is the streamwise flap deflection in degrees.

7.1.3.2-3
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(-.) is the two-dimensional lift-effectiveness parameter a6 obtained from Section 6.1.1. 1.
f

The expression given for the effect of dihedral (equation 7.1.3.2-d) is based on an extension of the
simple-sweep theory of reference 6. It has been shown by comparison with test data thai the increment
in C1r due to dihedral is underestimated by equation 7.1.3.2-d. However, it has not been possible to
improve upon the simple-sweep-theory result because of a lack of experimental data.

Furthermore, not enough data are available to examine the validity of the lifting-line-theory results
presented for the increments in C4r due to either twist or flap deflection.

A comparison of the slope of the rolling moment due to yawing at zero lift, obtained by using figure
7.1.3.2-10, with test results is presented as table 7.1,3.2-A.

The sample problem illustrates the application of the method over the lift-coefficient range to the stall.

Sample Problem

Given: The sweptback, untapered wing of reference 4.

Wing Characteristics:

A = 2.61 X = 1.0 A1c/4  450 AC/2 = 450 r 100 0 0

Additional Characteristics:

Low speed; M - 0

The following test values from reference 4:

.. L 0 .1 .. 1.
CL0 . 2 . 4 .5 .6 .7 .8 .9 1.0 1.1

0 -. 0458 -. 1031 -. 140 -. 17T6-.206 235 -. 260 -. 274 -. 260 -. 211 -. 102 .0287
(per rad)

Compute:

VC

0.419 per rad (figure7.1.3.2-10)
V /CL 0

M=0
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Determine the theoretical value of Cia/CL (Section 5.1.2.1)

- 0.0038 per deg (figure 5.1.2.1-27)

= -0.0044 per deg (figure 5.1.2.1-28b)

KM ; 1.0 (figure S.1.2.1-28a for M 0)A

I C KMA KM + 0 tan A c/4

cL/2AcI \L/A] \J r) 0 tanlA c/4

(equation 5.1.2. l-a)

Neglecting the effects of twist and dihedral

Km C

CI FL A/2 LM C/A

= (-0.00 38)(1.0) + (-0.0044)

"- -0.0082 per deg

- 0.470 per rad

(AC,) =C -(CI (equation 7.1.3.2-c)
I CLI

= C1, (-0.470) -- (CI) (see calculation table)
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IAC

ACI r 1 r A sin A,/4
(equation 7.1.3.2-d)

r" 12 A+4cosAc/4

I vr(2.61) (sin 450) 1 vr(2.61) (0.707 1)

12 2.61 +4cos450  12 2.61 + 4(0.7071)

= 0.0884 per rad2

Solution:

C = CL '+ (AC )L +)c r r (equation 7.1.3.2-a)
CL =0 L

M=0

10
C (0.0884) 10= L(0.419) + ICL (-0.470) - CIOts 008)5.-•

L L test57.3

0.419 CL + -0.470 C C + 0.0154

L L test

) L \MrL./)L (based on SWbw)C[, \-CLT -C L 0 \ CL' (eq. 7.1.3.2-c) (q7.1.3.2-a)

(tes)M (m &"- G•( +W& + 0.0154
""CL (per red) 0.419 -0.470 ( (per red) (per rod)

0 -. 0458 0 0 .0458 .0612

.1 -. 1031 .0419 -0.0470 0.0561 0.1134

.2 -. 1400 .0838 -0.0940 0.0460 0.1452

.3 -. 1760 .1257 -0.1410 0.0360 0.1761

-. 2060 .1676 -0.1880 0.0180 0.2010

.5 -. 2350 .20,15 -0,2350 0 0.2249

.6 -. 2600 .2514 -0.2820 -0.0220 0.2448

.7 -. 2740 .2933 -0.3290 -0.0650 0.2537

.8 -. 2600 .3352 -0,3760 -0.1160 0.2346

.9 -. 2110 .3771 -0,4230 -0.2120 0.1805

1.0 -. 1020 .4190 -0.4700 -. 0.3680 0.0664

1.1 0287 .4609 -0,5170 -0.5457 --0.0694
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The calculated results are compared with test values from reference 4 in sketch (a).

.3-W. U 0 Test points
Calculated

IQ S:i-i- .2 o-

Ci

(per rad)

4(9

.2 .4 6.81.0 \ 12
C

SKETCH (a)

B. TRANSONIC

In the transonic speed regime no theoretical methods are available for estimating the wing yawing
derivat ve C,,. Furthermore, no known experimental results are available for this derivative at transonic
speeds.

0

C. SUPERSONIC

No g i.eral method is available for evaluating the wing contribution to the yawing derivative C1. at
supersonic speeds. However, methods are presented in references 7, 8, and 9 for evaluating C1. ,for
special classes of wing planforms. The results presented in these references are based on supersonic linear
theory. The methods are restricted to estimating C1. over a limited range of Mach numbers for
zero-thickness wings with no dihedra!. Furthermore, the methods are considered tentative, since the
spanwise variation of Mach number in the case of yawing has been neglected.
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TABLE 7.1.3.2-A

SUBSONIC WING ROLLING MOMENT DUE TO YAWING

DATA SUMMARY

I•- iCl /rCL C r/CL

Ac/ 4  CaIc. Test Percent

Ref. A x (dog) (per red) (per rad) Error

10 2.61 1.0 45.0 0419 0.415 1.0

11 4.00 0.60 46.0 0.413 0.396 4.3

2 5.90 0.473 --3.5 0.240 0.225 6.7

13 1.34 1.0 60.0 0.445 0.470 5.3

5.16 1.0 0 0,260 0.220 18.2

1.34 1.0 a 0.195 0.161 21.1

46.0 0.353 0.350 0,9

2.61 0 0.230 0.260 -11.5

60.0 6.525 0.558 - 5.9

5.16 45.0 0.475 0.480 - 1.0

S60.0 0.596 0.550 8.4

5 2.61 0.50 45.0 0.365 0.300 21.7

*.0.25 45.0 0.302 0.315 - 41

2.31 0 52.2 0.295 0.185 3.5

Averup Error -- - 8.1%
n
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7.1.3.3 WING YAWING DERIVATIVE Car

This section presents a method for estimating the wing contribution to the yawing derivative C3r at
subsonic speeds. No generalized methods are available for estimating C.r at transonic and supersonic

speeds; however, theoretical methods for determining this derivative at supersonic speeds for special

classes of wing planforms are discussed. This derivative is the change in yawing-moment coefficient with

change in the yawing-velocity parameter. It is commonly referred to as the yaw damping and is

expressed as

Can
nr a( rb

A. SUBSONIC

The wing yawing dteivative Ca, is due to the antisymmetrical lift and drag distributions over the wing
resulting from the yawing velocity.

The wing contribution to the yaw damping in the range of lift coefficients for which Car varies linearly
with CL is composed of two major contributions; namely, that resulting from the drag due to lift and
that resulting from the profile drag. The contribution resulting from the drag due to lift is given to a
first approximation by the simple-sweep-theory result of reference 1. It is a negative quantity except for
highly swept wings in which case it can become positive.

The increment in C,,r due to profile drag is also taken from reference 1. Although the spanwise
distribution of profile drag is required for an accurate determination of the effect of profile drag
on C,,, the profile drag has been assumed constant over the wing surface in the analysis reported in
reference I. This approximation greatly simplifies the analysis, since it allows the profile-drag effect to
be expressed as a function of only the wing geometry.

Flaps and wing twist will also induce increments in Car, primarily as a result of their influencing the lift
distribution across the span. However, the technique of the superposition of lift distribution propor-
tional to angle of attack, which was used to determine the effects of either flaps and/or twist on the
rotary derivatives C.P and CQ,, cannot be applied in this case. The contribution of the drag-due-to-lift
component to C., increases as the square of the angle of attack. Therefore, a breakdown of the lift
distribution proportional to angle of attack is not possible. No methods are available in the literature for
estimating the effects of flaps or wing twist on the wing contribution to C,,. Ftirthermore, not enough
test data are available to allow derivation of an empirical method.

The wing side force due to yawing Cy, will also produce a yawing moment when the center of gravity
does not lie at the same longitudinal station as the quarter-chord of the wing MAC. However, the side
force due to yawing is small except at high angles of attack; consequently, this increment in Cn, is
omitted from the Datcom.

Experimental data indicate that for unswept wings the yaw damping is nearly proportional to the lift
coefficient until maximum lift occurs. On the other hand, for sweptback wings linear variations
of Car are obtained over only a limited lift coefficient range, which is reduced as sweep and/or aspect
ratio in=tease. Experimental data also show that, in general, the yaw damping of a sweptback wing

7.1.3.3-1
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changes sign and becomes positive at some moderate lift coefficient. The lift coefficient at which this
change in sign occurs is reduced as wing sweep and/or aspect ratio increase.

Results obtained by using the Datcom method agree reasonably well with test data over the range of lift
coefficients for which C'Ir varies linearly with CL.

Since the wing contribution to the total Cn, of the airplane is small, no method has been developed to
account for the effects of compressibility. For the purpose of the Datcom the effects of compressibility
are accounted for by evaluating the wing profile-drag coefficient at the desired Mach number,

Experimental data show that the effect of wing dihedral on the yaw damping is negligible.

Because of the insignificance of the wing contribution to the total yaw damping and the approximate
nature of the Datcom method, the method is applicable to wings with twist and/or symmetric flap
deflection as well as to plain wings,

DATCOM METHOD

The variation of the wing yawing derivative Cn, with lift coefficient at subsonic speeds, based on the
product of the wing area and the square of the wing span Sb b, is given by

VC
H. 1  =QL)C L Z jr)C (per radian) 7.1.3.3-a

where

CL is the wing lift coefficient.

C

-Z is the low-speed drag-due-to-lift yaw-damp. ,arameter obtained from figure 7.1.3.3-6
as a function of wing aspect ratio, taper ratio, sweepback, and c.g. position.

Cn

- is the low-speed profile-drag yaw-damping I- meter obtained from figure 7.1.3.3-7 as

C 0D a function of the wing aspect ratio, sweep-back, and c.g. position.

C 0  is the wing profile drag coefficient evaluated at the appropriate Mach number. For this
application Co0 is assumed to be the profile drag associated with the theoretical ideal
drag due to lift and is given by

C 2
C C L

CD = CD A

where CD is the total drag coefficient at a given lift coefficient, obtained from experi-
mental data.

7.1.3.3-2



Sample Problem

"Given: The delta-wing model of references 5 and 6.

Wing Characteristics:

A=2.31 = 0 = 52.40 0;0

:/U =0 (c.g. at U/4)

Additional Characteristics:

M = 0.13

The following test values from reference 6.

C 0 .1 .2 .5 6 .7 .8

K CD .017 .020 .029 .047 .074 .105 .141 .184 .235

Compute:

C
nr

- 0.0080 per rad (figure 7.1.3.3-6)
CL2

C
r- = -0.68 per rad (figure 7.1.3.3-7)

-CD0

Solution:

Cn L CL2  CDir CD (equation 7.1.3.3-a)

S+ 0.008 CL2 + (-0.68) CD

7.1.3.3-3
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0C /C r 0_
('I) IrL 2/c (based onSWbý)

L CC -CL 2/W ) _ C 0  (eq. 7.1.3.3-a)

CL (j 2 (0002) Q 2MA)(tesD () Dw 2.1 Q ®+G
CL (D 1-06)4-) .3) )(-0.56)6) (per red)

0 0 0 .017 0 .0170 -. 0116 -. 0116

.1 .01 .00006 .020 .00138 .0186 -. 0127 -. 0126

.2 .04 .0003 .029 .00651 .0236 -. 0160 -. 0157

.3 .09 .0007 .047 .01240 .0346 -. 0236 -. 02_n

.4 .16 .0013 .074 .0220 .0520 -. 0364 -. 0331

.5 .25 .0020 .106 .0344 .0706 -. 0480 -. 0460

..6 .36 .0029 .141 .0496 .0914 -. 0621 -,0692

i .7 .49 .0039 .184 .0675 .1165 -. 0792 -. 0753

.8 .64 .0051 .235 .0882 .1468 -.08 -. 0947

The calculated results are compared with test values from reference 5 in sketch (d).

-. 2
0 Test points

-Calculated

, •nC

(per rad)

0 .2 .4 .6 .8

CL

SKETCH (a)

" 7.1.3.3-4



B. TRANSONIC

In the transonic speed regime no theoretical methods are available for estimating the wing yawing
derivative. C,,~. Furthermore, no known experimental results are available for this derivative at transonic
speeds.

C. SUPERSONIC

No general method is available for evaluating the wing contribution to the yawing derivative C., at
supersonic speeds. However, methods are presented in references 2, 3, and 4 for evaluating C. r for
special classes of wing planforms. The results presented in these references are based on supersonic linear
theory. The methods are restricted to estimating Ct over a limited range of Mach numbers for
zero-thickness wings with no dihedral. Furthermore, the methods are considered tentative, since the
spanwise variation of Mach number in the case of yawing has been neglectedt.
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7.1.4 WING ACCELERATION DERIVATIVES

7.1.4.1 WING ACCELERATION DERIVATIVE CL&

Methods are presented for estimating the wing contribution to -he derivative CL at low angles of
attack for a triangular planform the subsonic and low transonic speed ranges and for planfornis
with the leading edge swept back and the trailing edge swept back or swept forward in the
supersonic speed range. In addition, the supersonic results are directly applicable to wings with
sweptforward leading edges, in view of the reversibility theorem (see reference 5). This derivative is
used in estimating Cm&, in Section 7.1.4.2.

If the wing acceleration derivative CL& is to be used in method I of Section 7.3.4.1 to obtain
(CL&)WB, the exposed wing planform area should be used for all calculations in the Datcom

methods. Using the exposed planform area will yield CL& based on the product of the exposed
wing area and the exposed wing MAC, rather than the product of wing area and wing MAC as
indicated.

DATCOM METHODS

A. SUBSONIC

An equation for estimating the subsonic acceleration derivative CL & of a triangular wing (derived in

reference 1), based on the product of wing area and wing MAC Sw Cw, is given by

CL. 1.5(c/ CL + 3 CL(g) (per radian) 7.1.4.1-a

where

CL is the wing lift-curve slope (Section 4.1.3.2) at the Mach number under considewation,La

.. based on the total wing area (per radian).

r - is obtained from Section 4.1.4.2.
Cr

CL (g) is the lift-coefficient correction term obtained from figure 7.1.4.1-6 (per radian).

Because of the restrictions placed on the lift-coefficient correction terni, this method is valid only

for 0 < OA < 4.

Explicit expressions for estimating CL , of other wing planforms in the subsonic region are not
available at this time.

F 7.1.•4.1-1
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Sample Problem

Given:

A 4.0 ?,=0 ALE 45- CL 4.0perrad (Section 4.13.2)

M = 0.6

Compute:

/= =-M2 0.80

tan AE L 1.t tIULE

$/tan ALE = 0.80

PA = 3.20

A tan ALE 4.0

x - 0.570 (figure 4.1.4.2-26a)

Cr

-P2 CL(g)

- 0.1245 per rad (figure 7.1.4.1-6)
irA/2

CL(g) = -1.22 per rad

Solution:

0x

C = 1.5 (Ic-•"-) CL + 3 CS() (equation 7.1.4.1-a)

= (1.5) (0.570) (4.0) + (3) (-1.22)

= -0.240 per rad (based on Sw W )

B. TRANSONIC

The value of CL& of a triangular wing from the critical Mach number to M 1.0 is given by the
method of paragraph A, provided 0 < PA < 4.

7.1.4.1-2
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There is no general theory available in the literature that gives the transonic values of Cr&,eitlher
for additional w'ng-geometry parameters or for Mach numbers greater than 1.0. Furthermore,
there is a scarcity of test data in the transonic region for any wing planform.

C. SUPERSONIC

K . The supersonic value of CL&, based on the product of wing area and wing MAC SwEw, is
del-ived in references 2 and 3 for wings with subsonic leading edges and in reference 4 for wings
with supersonic leading edges.

I. Wings with subsonic leading edges (P3 cot ALE < 1.0)

For wings with subsonic leading edges, CL& is obtained by the method of reference 2 for
X =- 0 and by the method of reference 3 for X ý 0.25 to 1.0. The following methods are
not valid if the Mach line from the vertex of the trailing edge inttrsects the leading edge or

if the wing-tip Mach lines intersect on the wings or intersect the opposite wing tips.

a. Zero-taper-ratio wings (K = 0)

CL& is derived in reference 2 as

CLM - [3GOC) F3(N) + 2E"(OC) F2 (N) + E"(3C) FI(N)]
a m2

(per radian) 7.1.4.1-b

where

E"(PQC) and G(JC) are obtained from figure 7.1.1.1-8.

F,(N), F2 (N), and F3(N) are obtained from figure 7.1.4.1-7.

b. Wings with A r- 0.25 to 1.0

CL. is derived in reference 3 as

M2

CL - ICL)I - 2 (c19 (per radian) 7.1.4.1-c

where

(CL J) and (C L.) are obtained from figures 7.1.4.1-8a through 7.1.4.l-8f for

X 0.25, 0.50, and 0.75 and from the equations of reference 3 for X > 0.75.

7.1.4.1-3



2. Wings witth supersonic leading edges (0 cot ALE > 1.0)

For wings with supersonic leading edges, CL& (derived in reference 4) is given by equation

7.1.4.1-c with (Cia)I and(CL&)2 obtained from figures 7.1.4.1-1 Ia through 7.1.4.1-11o.

Figures 7. 1.4.1-1 la through 7.1.4.1--I 1o are valid for the range of Mach numbers for which

the Mach lines from the leading-edge vertex intersect the trailing edge. An additional
limitation is that the foremost Mach line from either wing tip may not intersect the remote

half-wing.

Sample Problem

I. Wing with subsonic leading edge

Given:

A = 5.80 0 =0 ALE 600  M =.50

Compute:

*F_~ -- l = 1.12

cot ALE = 0.5774

ý4 cot ALE 0.647

4 cot ALE
N i 1=0.602

A

E"(3C) = 0.770 -8
GOC) =0.570 (figure 7.1.1.1-8)

F) (N) = 0.520

F2 (N) 1.090 (figure 7.1.4.1-7)
F3 (N) =0.907

Solution:

r 7rAM' [I
232 3G3C) F3 (N)2E'(OC)F(N) + - E"(3C) F (N)CL 202 2 m2

(equation 7.1.4. 1-b)

ir(5.80) (2.25) 3(0.570) (0.907)+ 2(0.770) (1.090) + (0.770) (0.520
2(1.25) 2.25

7.1.4.1-4



= -5.22 ir(-1.551 + 1.679 + 0.178)

- -5.02 per rad (based on Swc)

2. Wing with supersonic leading edge

Given:

A =4.0 = 0.25 ALI =450 M =2.0

Compute:

M2= v -1 = 1.732

PA = 6.928

cot ALE = 1.00

P cot ALE = 1.732

qT cot- (( cot ALE) = 300

P (CLJ) =-0.390 per rad (figure 7.1.4.1-11d)

(CL.) = -0.225 per rad

O(CL,) = 4.200perrad (figure 7.1.4.1-lif)

(C) J 2.425 per r

Solution:
.M2MI

CL - (Ct.) -- 2 (CLt) (equation 7.1.4.1-c)

4 1
(-0,225)-• - (2.425)

-1.108 per rad (based an S•w)

7.1.4.1-5
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7.1.4.2 WING ACCELERATION DERIVATIVE C,6a

Methods are presented for estimating the wing contribution to the derivative Ca for a
triangular planform in the subsonic and low transonic speed ranges and for planforms with the
leading edge swept back and the trailing edge swept back or swept forward in the supersonic
speed range.

If the wing acceleration derivative Cma& is to be used in method 1 of Section 7.3.4.2 to obtain
(C a&)WB , the exposed wing planform area should be used for a!) calculations in the Datcom
methods. Using the exposed planform area will yield Cm& based on the product of the exposed
wing area and the square of the exposed wing MAC, rather than the product of the wing area
and the square of the wing MAC as indicated.

DATCOM METHODS

A. SUBSONIC

The subsonic value of Cm based on the product of wing area and the square of wing MAC

w�r Wde 2, referred to body axis and for any center-of-gravity location is given by

Cm =C.& +Q -) CL 6 (per radian) 7.1.4.2-a

where

Cm al is referred to body axis with the origin at the wing leading-edge vertex and is obtained
as indicated below (per radian).

is the longitudinal distance from the wing leading-edge vertex to the center ofgr vity,

measure I in mean aerodynamic chords, positive aft.

CL is obtained from Section 7.1.4.1, based on the product of wing area and wing MAC(per radian).

A method of estimating the subsonic acceleration derivative C " of a triangular wing is derived in
reference 1 as

8 9
C 3" 8 c C-L + C m(g) (per radian) 7.1.4.2-b

732 c,42 o

4 ~7.1 .4.2-1



where

CL is the wing'lift-curve slope (Section 4.1.3.2) at the Mach number under considera-
*i tion, based on the total wing area (pex radian).

X..
- is obtained from Section 4.1.4.2.

C 0(g) is the pitching-moment-coefficient correction term obtained from figure 7.1.4.2-8
(per radian).

Because of restrictions placed on the pitching-moment-coefficient correction term, equation
7.1.4.2-b is valid only for 0 < OA <4.

Explicit expressions for estimating Cm& of other wing planforms in the subsonic region are not
available. An approximation may be made by subtracting the value of Cm q (Section 7.1.1.2)
from the appropriate test value of total pitch damping (Cmq + Cm&) taken from table 7-A. Tests

indicate that the relative importance of body damping of a conventional configuration in
subsonic flow is small; therefore the use of wing-body test data of total pitch damping in this
region is acceptable for an approximation, provided the test data are for a conventional design.

Sample Problem

Given: Same wing as in sample problem of paragraph A, Section 7.1.4.1

A 4.0 X = 0 ALE = 450 CL a 4.0 per rad (Section 4.1.3.2)

-0.75 (from planform geometry with c.g. at ý/4) M = 0.6

From sample problem oi paragraph A, Section 7.1.4.1

Xe- =0.570 = 0.8 OA 3.20 CL& = -0,240 per rad

Compute:

P2 C (g)

7~ A/22 0.071 per rad (figure 7.1.4.2-8)

C (g) = 0.697 per rad
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Solution:

81 Xa.c. CL 9
"(C 3 - CL+ "2 Co(g) (equation 7.1.4.2-b)

81 9
-3 (0.570)2 (4.0) + - (0.697)
32 2

- - 0.153 per rad

Ix
Cm CM + )CL (equation 7.1.4.2-a)

- -0.153 + (0.75)(-0.240)

-0.333 per rad (based on Sw•)

B. TRANSONIC

The variation of Cm& of a triangular wing from the critical Mach number to M = 1.0 is given by
the method of paragraph A, provided 0 < PA < 4.

There is no generalized theory available in the literature that gives the transonic values of Cm a,
either for additional wing-geometry parameters or for Mach numbers greater than 1.0. An
approximation may be made by subtracting the value of Cq (Section 7.1.1.2) from the
appropriate test value of total pitch damping (Cmq +Cm&) taken from table 7-A. Although the
importance of body damping in this region is unknown because of a lack of experimental data,
wing-body test data of total pitch damping will probably have to be utilized if an approximation
of Cm& is to be made, simply because of the lack of sufficient wing-alone test data. This method
of analysis gives only a rough approximation and, is limited to conventional designs where test
data are available.

C. SUPERSONIC

The supersonic value of Cm&, based on the product of wing area and the square of wing MAC
SwZw 2 , referred to body axis and for any center-of-gravity location, is given by equation
7.1.4.2-a, i.e.,

Cm Cm" + CL. (per radian)

where the parameters are defined in paragraph A and the supersonic value of C,1  is obtained
as indicated below.
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M'?thods for estimating Cm 1"

Wings with subsonic leading edges (13 cot ALE < 1.0)

For wings with subsonic leading edges, Cm,&" is obtained by the method of reference 2 for
X = 0 and by the method of reference 3 for X = 0.25 to 1.0. The following methods are
not valid if the Mach line from the vertex of the trailing edge intersects the leading edge or
if the wing-tip Mach lines intersect on the wings or intersect the opposite wing tips.

a. Zero-taper-ratio wings (A = 0)

C M is derived in reference 2 as

p ~FS (N)
Cm3AM 2  G(Q3C) F(N) + 1 E(FPC) -)

16P2  3F 1 1(N)J

16AM2 [E"iC)F(N)] "c FN-
9+ 92 16p32 C ;

(per radian) 7.1.4.2-c

where

E"Q3C) and G(J3C) are obtained from figure 7.1.1.1-8.

F5 (N), F7(N), and F, 1(N) are obtained from figure 7.1.1.2-8.

F6 (N) and F8 (N) are obtained from figure 7.1.4.2-9.

2
d is two-thirds the basic triangular wing root chord, d = -C- c (see sketch (a),

Section 7.1.1.1).

CL& is obtained from paragraph C of Sectior 7.1.4.1, based on the product of wing
area and wing MAC.

b. Wings with A = 0.25 to 1.0
6-I

Cm, is derived in reference 3 as

Cm2 (Cm- ) - • (Cm (per radian) 7.1.4.2-d
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"where

(m)and (C') are obtained, from figures 7.1.4.2-l1Oa through7.42-1O

for X = 0.25, 0.50, and 0.75 and from the equations of reference 3 for X > 0.75.

i 2. Wings with supersonic leading edges (g cot ALE > 1.0)

For wings with supersonic leading edges Cm." is derived in reference 4 as

"M2  (M2(

""Cm - (per radian( 7.1.4.2-e

where

(Cm.)C and (Cm.) are obtained from figures 7 .1.4 .2 -13a through 7.1.4 .2-13p.

Figures 7.1.4.2-13a through 7.1.4.2-13p are valid for the range of Mach numbers for which
the Mach lines from the leading-edge vertex intersect the trailing edge. An additional
limitation is that the foremost Mach line from either wing tip may not intersect the remote
half-wing.

Sample Problems

1. Wing with subsonic leading edge

Given: Same wing as in sample problem 1 of paragraph C, Section 7.1.4.1.

A =5.80 X 0 ALE 600 c.g. at - b 16 ft M 1.50
4

xcg
= 1.50 (from planform geometry with c.g. at Z/4)

From sample problem 1 of paragraph C, Section 7.1.4.1:

F 1.12 1 cot ALE = 0.647 N= 0,602

E"(43C) = 0,770 G(QC) = 0.570 CL. = -5.02 per rad
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Compute:

Fs(N) = 0.251

F7(N) = -1.620 (figure 7.1.1.2-8)

L -FII(N) = 0.395

F6(N) = -2.600 •(figure 7.1.4.2-9)

F8 (N) = 0.880

Obtain d from the characteristics of the basic triangular wing (see sketch (a), Section 7. 1. 1.1).

4
AB tan ALE 2.31

2b
Cr B= AB 13.85 ft

2d- 9.233 ft
3 'B

-,:•,2b
c r -A = 5.517 ft

= 3.678 ft

Solution:

-- 3Am2  16 F NK'+ [16 q (N) + E "(-PC) - (I)

16AM2  7rA

9q32 16932

(equation 7.1.4.2-c)

_ 3vr(5.80) (2.25) 16 (0.21)13 )16(1.25)25 0.570) (-1.620) + 3 (0.770) (0-=35)

+1.(..8) [(0.770) (-2.600)]
9(1.25) [(0.770 (0.880)] + 16(1.25)

(9.233) (-5.02)
(3.678)
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= -6.15(-0.9234 + 2.610) + 12.576 - 1.824 + 12.602

12.98 per rad

CM = Cm." + ' CL. (equation 7.1.4.2-a)

" 12.98 + (1.5) (--5.02)

= 5.45 per rad (based on Sw

2. Wing with supersonic leading edge

SGiven: Same wing as in sample problem 2 of paragraph C, Section 7.1.4.1.

A =4.0 = 0.25 ALE =450 c.g. at - M 2.0

Xcg.

0.964 (from planform geometry with c.g. at d/4)

From sample problem 2 of paragraph C, Section 7.1.4.1:

P- 1.732 PA 6.928 t cot ALE 1.732

cot-1 (•cot A ) = 300 CL. = --1.108 per rad

Compute:

(Cm1) = 11.80 perrad (figure 7.1.4.2-13d)

* (m.) 6.813 per rad

S(Cm) = -5.530 per rad (figure 7.1.4.2-130

(Cm. M *2-3.193 per rad

Solution:

"'"Cm," - - (C (I + m.) (equation 7.1.4.2-.)

7.1.4.2-7
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44
- -(6.813) + - 1(-3.193)
33

=9.08 -- 7.45

=1.63 per raci

x
=C~. i---~-CL. (equation 7.1.4.2-a)ai a + C a

= 1.63 +(0.964) (-1.108)

=0.562 per rad (based on SWý,z 2 )
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7.1.4.3 WING DERIVATIVE CD;

This section presents a method for estimating the wing contribution to the derivative CD, at
subsonic speeds. This derivative is the change in drag coefficient due to a change in & at a constant
pitch rate and is defined as

aCDCD- &/-- 'where C is based onSw.

k2V/

In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is
usually neglected.

A. SUBSONIC

DATCOM METHOD

From the two-dimensional unsteady-flow theory of Garrick (Reference 1), the perturbation section

drag coefficient of an oscillating surface can be approximated by

7rT
cd = c [I + 2C(k)] a& 7.1.4.3-a

d2 V

where

cd is the drag coefficient per unit span.

c is the wing chord.

V is the free-stream velocity

C(k) is Theodorsen's function, defined as

C(k) = F(k) + iG(k) 7.1.4.3-b

where

F(k), G(k) are Theodorsen's functions obtained from Table 7.1.4.3-A as a function of
the reduced frequency k, where k is defined as

"k = -- 7.1.4.3-c
2V

where c and V are as defined above, and w is the angular velocity (rad/sec)
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Only one part of the complex equation is needed. It is arbitrary whether to use the real or
imaginary part. If the wing oscillation can be defined as

"" c= &• et = cos Ot + ia,1 sin wt 7.1.4.3-d

4• where

a is the complex form of the angle of attack of oscillation

- aC1  is the amplitude of the oscillation (radians)

t is the time

then by substitution and expansion the imaginary part of Equation '7.1.4.3-a can be zhown to be
equal to the following:

7r c- t t
Cd - _a2cow l + 2F)(COS2 (.)t - 2wt) -AG si, wt Cos wt * 7.1.4.3-e

where all the terms are defined above and where the oscAkation il- give, by C al si ot.

The three-dimensional drag may be obtained by

C 2 J - dy 7.1.4.3-f., bw

where

Cd is the two-dimensional drag from Equation 7.1.4.3-e.

c is the local wing chord.

: Sw is the wing reference area.

If the derivative Coa is desired, variations in CD may be calculated for different values of &. For oc
as defined by Equation 7.1.4.3-d, the imaginary part of & (to be used in conjunction with Equation
7.1.4.3-e) may be expressed as

a W o cos Wt 7.1.4.3-g

where the terms are defined above. '

*The expression in brackets could diso be written as [(1 4 2F) cos 2w*t - 26 sin 2wtl, which would indicate that Cd varies at twice
"the angular velocity.
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Then CDý may be approximated by

3CD (CD)t2 - (CD)t

CD - 7.1.4.3-h
.'"i [(•)2 -- 2Ot ]V2

(TVV

where

CD is the three-dimensional drag coefficient obtained by application of Equation 7.1.4.3-f

Sis the rate of change of angle of attack obtained by application of Equation 7.1.4.3-g

and the subscript tn refers to a specified time such that t 2 - t1 is the time interval over which CD
and & are evaluated.

Sample Problem

Given: The following wing-body combination

Wing Characteristics:

r. A = 4 A = 0 X 1.0 Sw = 64.0 ft2  c = 4.0ft

Additional Characteristics:

V 200 ft/sec w = 27r rad/sec

a = c (cos wt + i sin wt) a1 = 10

Compute cd at t 1 sec:

Find the reduced frequency k

k = (Equation 7.1.4.3-c)2V

.)(2r(4.0)

2(200)

- 0.0628 rad

GF 0.887,5 J Table 7.1.4.3-A (linear interpolation)
G =-0.1451)

-C = -2 + 2F) (cost ct- sin wt) - 4G sin wt cos wtj' (Equation 7.1.4.3-e)

7.1.4.3-3
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--- !2 ()5 211r I +2(0.8876)](1.0 -0)- 4(-0.1451)(0)(14

7r .0(_•(5_.3 2 r [I1+ 2(0.8876)]1.}

= 0.000167

a, W1co cos Wt (Equation 7.1.4.3-g)

1 (21r)(1)

0.110

CD = 2 f w dy (Equation 7.1.4.3-0
f WS

Sc b c2 c b

S2 2 Cd (RectwingSw bc)

CD = 0.000167

Compute cd for t 1.1 sec.

cd= I- W G 1+ 2F)(cos2 tot - sin2 t) - 4G sin llt cos wtt (Equation 7.1.4.3-e)

7r 14.0\ 1 2
27r [1 + 2(0.8876)] [(0.8090)2 - (0.5878)21

4(-0.1451)(0.8090)(0.5878)}

- 0.0000681

a = cos Wt (Equation 7.1.4.3-g)

__1

- 27r(0.809)

= 0.0887
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fb/2 cd c

CD f 2 cSw dy (Equation 7.1.4.3-f)

fSW

SCdC b CdC b
S 2 b-,2 2 Cd (Rect Wing Sw bc)Sw 2 bc 2

CDI 0.0000681

Solution:

3CD (CD)t - (CD)t
C -& a C_ (Equation 7.1.4.3-h)C&• a\2/ [(&)t - (& ]

(0.0000681 - 0.000167)

(0.0887 - 0.110) 4.0

2(200)

= 0.464 per rad

= 0.0081 per deg

B. TRANSONIC

No method is presented.

C. SUPERSONIC

No method is presented.

REFERENCE

1. Garrick, I. E.: Propulsion or a Flapping and Oscillating Airfoil. NACA TR 567, 1936. (U)
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TABLE 7.1.4.3-A

THEODORSEN'S FUNCTIONS

k F -- G

0.5000 0

10.00 0.5006 0.0206

6.00 0.5017 0.0206

4.00 0 5037 0.0305

3.00 0.5063 0,0400

2.00 0.5129 0.0577

1.50 0.5210 0.0736

1.20 0.5300 0.0877

1.00 0.5394 0.1003

0.80 0.5541, 0,1165

0.66 0.5699 0.1308

0.60 0.5788 0.1378

0.56 0.5856 0.1428

0.50 0.5979 0.1507

044 0.6130 0.1592

0.40 0.6250 0.1650

(1.34 0.6469 0.1739

0.30 0,6650 0.1793

0.24 0.6989 0.1862

0.20 0.7276 0.1886

0.16 0.7628 0.1876

0.12 0.8063 0,1801

0.10 0.8320 0.1723

0.08 0.8604 0.1604

0.06 0.8920 0,1426

0.05 0.9090 0.1305

0.04 0.9267 0.1160

0.025 0.9545 0.0872

* 0.01 0.9824 0,0482

0 1.000 0
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7.2 BODY DYNAMIC DERIVATIVES

The -methods presented in this section are for estimating pitching and acceleration dynamic
derivatives of isolated bodies. The methods and charts of the subsonic, transonic, and supersonic
speed ranges are based on a combination of slender-body theory and the theories used in
predicting the body-lift-curve slope and pitching-moment-curve slope in Sections 4.2.1.1 and
4.2.2.1, respectively. Newtonian impact theory is used in the hypersonic speed range. The
methods are restricted to angles of attack near zero and should yield values suitable for first
approximations to dynamic stability.

No test data are available on body dynamic derivatives. Therefore, all theoretical methods must
be considered tentative until compared with experimental results. A brief discussion of available
theoretical methods is presented.

The starting point of almost all theories is the well-known linearized potential equation. Various
methods based on linear theory have been developed for obtaining the flow field about bodies in
supersonic flow. The: problem of determining the dynamic stability derivatives for bodies has
been treated principally within the assumptions of slender-body theory. The application of
Munk's slender-body theory to the calculation of the aerodynamic coefficients describing steady
motion has been made by a number of authors (seL references I through 4). In reference 5,
slender-body .values of the aerodynamic coefficients associated with nonsteady angle of attack
have been obtained as a by-product of a linear analysis of the potential equation for nonsteady
supersonic flow. However, approximations made in the analysis effectively limit its application to
bodies of vanishingly small thickness. The problem of determining the dynamic derivatives for a
smooth slender body of arbitrary cross section performing slow maneuvers is treated within the
assumptions of slender-body theory by Sacks in reference 6. This approach is novel in slender-
body theory in that the squared terms in the pressure relation for slender oonfigurations are
retained and all motions of the configuration are treated simultaneously. However, the derivatives
are obtained in terms of the mapping functions of the cross sections and are to6 complex for
inclusion in the Datcom.

A method is developed for estimating aerodynamic loads on slender, symmetrical configurations
performing small lateral oscillations of limited reduced frequency in sonic and supersonic flow in
references 7 and 8, respectively. This method is an extension of an iterative technique originally
proposed by Adams and Sears in reference 9, and is a combination of first-order and second-
order cross-flow solutions. The results consist of slender-body-theory terms plus higher-order
effects of fineness ratio. For sonic flow about a body of revolution, reference 7 shows that by
retaining only the first-order terms in reduced frequency the pitching derivatives are given by
simple slender-body theory; whereas the acceleration derivatives are influenced by the second-
order terms and contain logarithms of the reduced frequency. Under certain limitations on the
rapidity of the oscillations, all derivatives in supersonic flow prove to be independent of changes
in reduced frequency; consequently the method can be applied to slow time-dependent motions.
At present this method is limited to slender bodies of revolution, and in most cases requires a
considerable amount of mathematical manipulation to obtain a solution. This method can be

* applied to bodies of more general cross section; however, the practicality of such an analysis
would depend on the possibity of solving the integrals that appear.
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In reference 10 an attempt has been made to overcome the slender-body limitation by adapting
hybrid theory to the calculation of the body dynamic derivatives. (This method, derived by
Van Dyke in reference 11, has proved successful in calculations for the static aerodynamic
derivatives.) This method is used to predict the dynamic derivatives of a cone, and the results are
consistent with those obtained by impact theory at the higher Mach numbers. In order to extend :1
this method to bodies of more general shape, it is necessary to satisfy the boundary conditions
corresponding to the specified body. Unfortunately, the analytical expressions required to do so
have been found only for the cone.

The application of simple slender-body theory appears to be the only method of solution
warranted at the present time, in view of the large effects of viscosity on the forces acting over
slender bodies, the mathematical complexity involved in solutioa of the linearized equations for
general planforms, and the lack of test data.

Since extensive use is made of slender-body-theory results throughout this section, the term
"slender" is clarified.* Tsien, in reference 2, pointed out that slender-body theory applies to the
flow about inclined, pointed projectiles at supersonic speeds. Subsequently, Jones, in
reference 12, indicated that his slender-wing theory (slender-body theory extended to wings)
applies to both subsonic and supersonic speeds, at least for pointed planforms. Actually, the
meaning of the term "slender" is somewhat different in the various speed regimes. For
supersonic Mach numbers "slender" implies that the body lies well within the Mach cone from

the body apex. This leads directly to the limitation to pointed bodies. It also leads to the
conclusion that relatively blunt bodies may qualify as "slender" at low supersonic speeds; while '5)
for hypersonic speeds the method must fail for practical shapes. At subsonic speeds the term
"slender" becomes less restrictive as the Mach number increases from 0 to 1, until at sonic speed
all bodies become slender. Thus, slender-body theory is seen to apply to at jeast some body
shapes throughout the speed range from low subsonic to hypersonic.
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7.2.1 BODY PITCHING DERIVATIVES

7.2.1.1 BODY PITCHING DERIVATIVE CLq

"The pitching derivative CLq is a measure of the lift proouced by rotational motion of the
airframe about a spanwhe axis. This derivative is generally small compared to other terms in the
equations of motion and is frequently neglected. However, methods are presented for
determining the body contribution to CL q in the subsonic, transonic, supersonic, and hypersonic
speed ranges. The value of CN in the hypersonic speed range is used to obtain the value of Cm q
in the hypersonic speed range mn Section 7.2.1.2.

In the subsonic, transonic, and supersonic speed ranges the Datcom methods are based on the
relatively simple results derived from slender-body theory and the assumption that a relationship
of corresponding slender-body derivatives may be employed with reasonable accuracy to the case
of steady pitching in a manner similar to that of reference 1. This approach to the calculation of
body dynamic derivatives has been applied with reasonable success by Walker and Wolowicz in
reference 2. It was shown in reference I that, although slender-body theory alone does not
accurately predict the characteristics of nonslender configurations, the ratio of corresponding
slender-body derivatives may be employed with reasonable accuracy in predicting the static
forces on nonslender configurations. The body contribution to CLq is thus given as the product
of the lift-curv slope CL, and the ratio of slender-body derivatives, Le.,

CL q - (LO L y . w
blender-body theory states that body force characteristics are independent of Mach number. The
effect of Mach number is taken into account by the static force coefficient. Therefore, the
limitations of these methods are determined by the limitations of the methods employed in
determining tfie static derivative CL, in the various speed regimes. Experimental data should be
used for the body lift-curve slope when available.

SA. SUBSONIC

There is no explicit method available in the literature for obtaining the body dynamic derivatives
for general planforns.

"The method presented is based on the application of the results of slender-body theory in the
manner previously discussed.

DATCOM METHOD

-The body contribution to CL.q, based on body base area and body length and referred to the
"center of rotation, is given by

7.2.1.1-1



CLq = 2 C - (per radian) 7.2.1.1-a

where

CLa is the body lift-curve slope from paragraph A of Section 4.2.1.1 multiplied by

(VB 2/3/Sb) (per radian).

xm is the longitudinal distance from the body vertex to the center of rotation, positive aft.

krB is the length of the body.

VB is the total body volume from Section 2.3.

Sb is the body base area.

Sample Problem

Given:

*1_
6d

X XO

+ 6.5d

V. XM

d 1.0 ft 2B = 6.0 ft Fineness Ratio = 6.0 xm 3.8 ft

CL 0.548 per rad (based on VB 213) (Section 4.2.1.1)

V /3 = 2.47 sq ft (Sect+.'on 2.3) =- 0.785 sq ft

Compute:

.(VB) 2/ •2.475)

CL = (0.548) i-(VS = (0;548) 0.7i = 1.724 per rad (based on Sb)

7.2. 1. -2
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3.8 0.367

Solution:

(equation 7 .2.1,l-a)"Lq 0L KB/

= 2(1.724) (0.367)

1.265 per rad (based on Sb B)

B. TRANSONIC

The linearization of the transonic flow problem has been accomplished by Landahl, in
reference 3, by introducing a small amount of unsteadiness into the motion. This theoretical
method is briefly discussed in Section 7.2. By neglecting the second-order effects of reduced
frequency the pitching derivatives of a slender body of revolution are those given by slender-
body theory. Since slender-body theory does not predict a dependence on configuration
parameters, this method cannot be expected to give reasonable approximations for the pitching
derivatives of nonslender configurations. Therefore, the method of paragraph A is applied
throughout the transonic speed range.

C. SUPERSONIC

Several of the theoretical methods that have been developed for estimating the body pitching
derivative CN in the supersonic speed range are briefly discussed in Section 7.2. The available
theoretical methods are limited to simple slender-body theory, theories treated within the
assumptions of slender-body theory, and hybrid theory. The method presented here is based on
simple slender-body theory. Theories treated within the assumption of slender-bodv theory are
mathematically complex and restricted to speciftc body shapes; therefore, no general quantitative
results are presented.

SThe supersonic 4 Nq for cones can be estimated by the hybrid theory solutions presented in
reference 4.

DATCOM METHOD

The method presented here for determining the body contribution to CNq, based on the
cone-cylinder or ogiee-cylinder maximum frontal area and body length and referred to the center
of rotation, is the same as that of paragraph A and is given by equation 7.2.1.1-a, i.e.,

"CN CN (per radian)

"7.2.1.1-3
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where CN. is the body normal-force-curve slope from paragraph C of Section 4.2.1,1, evaluated
*. at the appropriate Mach number and based on the cone-cylinder or ogive-cylinder maximum

"frontal area (per radian).

D. HYPERSONIC

Simple Newtonian theory is used in this section to estimate the contribution of cone frustum
bodies, with or without spherical noses, to the derivative CNq. Newtonian theory is discussed in
paragraph D, Section 4.2.1.1.

D•ATCOM METHOD

Charts taken from reference 5, based on simple Newtonian theory, are presented for determining

CNq of spherical segments and cone frustums at small angles of attack.

The coefficients of these charts are referred to the body base area and base diameter and to a
moment center at the forward face of the segment. By proper use of the data presented, the
total CNq may be determined for bodies composed of multiple cone frustums with or without
spherically blunted noses.

The Newtonian value of the derivative CNq for a complex body is obtained as follows:

Step 1. Compute CNq' for each body segment about its front face using figures 7.2.1.1-9a and
7.2.1.l-9b.

Step 2. Transfer the individual derivatives CNQ to a common reference axis by applying the
following transfer equation to each body segment

Cq =Cq - 2(.!)C,, 7.2. 1. 1-b

where

'"CN is the normal-force-curve slope for each segment based on individual base
areas from paragraph D, Section 4.2. 1. 1.

CNq is the pitching derivative for each segment based on individual base areas
and base diameters and referred to a moment center at the forward face
of the segment, from figures 7.2.1.1-9a and 7.2.1.1-9b.

n is the distance from the face of a given frustum to the desired moment
reference axis of the configuration, positive aft.

d is the base diameter of a given frustum.

Step 3. The transferred derivatives of the individual body segments are converted to a common
reference area and diameter and added. The total derivative is given by

7.2.1.1-4
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"CN q Nq 7.2. 1.1-c

Sample Problem

Given: Same multiple-segment body as sample problem of paragraph D of Sections 4.2.1.1 and

4.2.2.1.

dla2 12 a8  dsa4 4

to =0.55 ft (distance from moment reference center to body nose)

Spherical segment Forward cone frustum

Q -- 0.18 ft a2  = 0.62 ft

0.180 ft
r= 0.36 ft d2 = 1.20ft

d, 0.62 ft 2= 072ft

02 = 22.50

Cylinder Rear cone frustum

a3 = 1.20ft a4 = 1.20 ft

d3= 1.20Oft d4~ = 1.368 ft

L 23 = 1.20ft k4 = 0.96 ft

"03=0 04 = 50

7.2.1.1-5
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Compute:

Spherical segment

2Rl/d, = £1/r, = 0.50

CNq = 0.865 per rad (figure 7.2.1.1-9b)

n, =-o = -0.55 ft

dI ;a 2 = 0.62 ft

CN 0.75 per rad (figure 4 .2.1.1-23)

/n,•l CNa-- CN ' 2- No (equation 7.2, 1. 1l-b)

. 0.865 - 2\ ) / 0.75

= 2.195 per rad (basedon 4)

Forward cone frustum

=0.517
... ... a2 /d 2 = X 2 = 0 . 1

CN '= 1.22 per rad (figure 7.2.1.1-9a)
:'. q2

n2 = -(V0 + .) -0.73

CN ; 1.250 per rad (figure 4.2.1.1-26)

N U2

CN CNq2 - 2 C (equation 7.2.1.1-b)

= 1.22- -2 1.250

\1.20/

7.2.1.1-6
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2.7 pe1
- 274 er ad (based on 4$i

Cylinder

a3 /d3 = X3  1.0

CN ' = 0 (figure 7 .2 .1.1-9a)

n -(320 +Q1 +R2) = -1.45

CN = 0 (figure 4.2.1.1-26)

a 3 3

CN CN ' -2 N (equation 7.2.1.1-b)q3 q 3 d a

-0

Rear cone frustum

a4id4 = 4X = 0.877

Cxq' 0.36 per rad (figure 7.2.1.1-9a)

n +2R1 + x223 -2.65
n4 ; - (R~o + 1 + 2 + 3) = - . -

CN = 0.450 per rad (figure 4.2.1.1-26)

an4

CN Cq' 2(- 2 C (equation 7.2.1.1-b)N q4  \d 4 /'a 4

1-2.65\

0.36 2-0.45

7.2.1.1-7
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Solution:

Converting the derivative for each segment to a common reference area and diameter, the base
area and diameter of the rear cone frustum, and adding

C N (d) (equation 7.2.1.1-c)

C.q C~q5 + C~q(\) + C.q(\2) + C.q

q IIj4q ý 3(4qo.6, 1,.20o\
2. 1.368 + 2.74 . + 0 + (2.10)

2. 1950.36)3 (1.20)3

= 0.2043 + 1.8494 + 2.10

4.154 per rad (based on -
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7.2.1.2 BODY PITCHING DERIVATIVE Cm,

The derivative Cmq is a measure of the pitching moment produced by rotational motion of the
. airframe about a spanwise axis and is commonly referred to as the pitch-damping derivative.

Methods are presented for determining the body contribution to this derivative in the subsonic,
transonic, supersonic, and hypersonic speed ranges.

In the subsonic, transonic, and supersonic speed ranges the Datcom methods are based on the
S.same assumption that was made in regard to the body contribution to the derivative CLq' and

the general discussion of Section 7.2.1.1 is directly applicable here.

The body contribution to Cmq is expressed as

'4m qCu l dender-body theary

The limitations of these methods are determined by the limitations of the methods employed in
determining the static derivative Cm. in the various speed regimes. Experimental data should be

bq -t" used for the body pitching-moment-curve slope when available.

A. SUBSONIC

The comments of paragraph A of Section 7.2.1.1 are directly applicable here.

DATCOM METHOD

The body contribution to Cmq, based on body base area and the square of body length andreferred to the center of rotation, is given by

Xm\2 V

•C 7.2.1.2-aCm q - ma V
a Vs

r ~Skb £B

where

Cma is the body pitching-moment-curve slope from paragraph A of Section 4.2.2.1,
multiplied by V,/(SbR£B).

V3  is the total body volume from Section 2.3.

a 3.--. .7.2.1.2-1



Sb is the body base art.

x, is the longitudinal distance from tlic vertex to the cexitroid of the volume and is

given by

f0 S(x) x dx 7.2.1.2-b
VB

where

S(x) is the body cross-sectional area at any station. It is not feasible to present
generalized design charts of xc, but the equation can be integrated for
any arbitrary body of revolution.

P13 is the length of the body.

xm is the longitudinal distance from the body vertex to the center of rotation,
positive aft.

Sample Problem

Given: Same ogive-cylindei conligniration as sample problem of paragraph A rf S"%tion 7.2.1.1.

~~Od

Ax.5 f

666

d 1.0 ft s= 6.0 ft Fineness Ratio = 6.0 xm = 3.8 ft

x = 2.5 ft Sb - 0.785 sqft VB = 3.88 cuft

x = 3.6 ft (Section 4.2.1.1)

(k2 - kj) = 0.863

7.2.1.2-2



Compute:

Determine Cm

x

x Ax M -(x I -Nx) .x
Sttion d dx x dx n

1 0.4 0.126 0,126 3.467 0,4368

2 0.68 0.363 0.237 3.028 0.7176
3 0.89 0.622 0,259 2.539 0.6576

4 0.98 0.754 0.132 2,04G 0.2701
1x 1.0 0.785 0.031 1,549 0.0480,

x 0  1.0 0.785 0 0.75 0

Xo dS

(O x (xm - x) Ax = 2.1301

2(k2 -kI ) O Sxo
L x" x) Ax. (equation 4.2.2.1-a)

(2) (0.863) (2.1301)

3.88

0.948 per rad (based on V.)

r

Cm = 0.948)

= (0.948) \ _-.-/

- 0.781 per rad (bsed on SbRB)

*x is token to b• at dw centwr of vilume of each body wstont.
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0

Determine x

Station d Six) x* 8(x) x Ax

1 0.4 0.126 0.333 0,0210

2 0.68 0.363 0.772 0.1400

3 089 0.622 1.261 0.3920

4 0.98 0.754 1.754 0.6615

5 1.00 0.785 2.251 0.8836

6 1.00 0.785 2.75 1,0795

7 1.00 0.785 3.25 1,2755

3 1.00 0.785 3.75 1.4720

9 1.00 0.785 4.25 1,6680

10 1.00 0.785 4.75 1.8646

11 1.00 0.785 5.25 2.06M5

12 1.00 0.785 5.75 2,2670
I._..

RB

S(x)x Ax = 13.775

X JB SW x dx (equation 7.2.1.2-b)

13.775
. = = 3.55 ft

3.88

SVB (3.88)- = 0.824s "Ru£ (0.785) (6.0)

- =1 0.367
6.0

L

Solution:

(1 m2 VB X m

XX
Cm 2 CM b (equation 7.2.1.2-a)

i- Sb QB

"x it taken to be * the * abnw of volume of each body *Waent.
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(0.367)2 ( 0.824) 3.5 3.8'~
(2) 0.78) ~ ' 6.0 T.O)=(2) (0.781) 0.367 - 0.824

=0. 135 - (0.824) (-0.0417)1

L .2 -0.457

[0.693]

=1.562 _.0 54 7J

= -0.579 per rad (based on SbRB 2)

B. TRANSONIC

The comments of paragraph B of Section 7.2.1.1 are directly applicaoie here. The method of
paragraph A is applicable throughout the transonic speed range.

C. SUPERSONIC

The theoretical methods applicable for the estimation of the body contribution to the derivative
CM q parallel those of the body contribution to the derivative CLq.

Therefore, the general comments of paragraph C of Section 7.2.1.1 are also applicable here.

The supersonic Cmq for cones can be estimated from the hybrid theory solutions presented in

reference 1.

DATCOM METHOD

The method presented here for the body contribution to Cmq, based on body base area and the
square of body length and referred to the center of rotation, is the same as that of paragraph A
and is given by equation 7.2.1.2-a, i.e.,

B- SbQ B
C =2C 2 C

I l ( xB V B

S(1-- ) Sb B

where Cmc is the body pitching-moment-cur'e slope from paragraph C of Section 4.2.2.1
evaluated at the appropriate Mach number.

7.2.1.2-5
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D. HYPERSONIC

Simple Newtonian theory is used in this section to estimate the derivative Cmq of cone frustum
bodies with or without spherical noses. Newtonian theory is discussed in paragraph D, Section
4.2.1.1.

DATCOM METHOD

Charts based on simple Newtonian theory (reference 2) are presented for determining Cmq of
spherical segments and cone frustums at small angles of attack. The coefficients of these charts
are referred to the base area and the square of the base diameter and to a moment center at the
forward face of the segment. By proper use of the data presented, the total Cmq may be
determined for bodies composed of multiple cone frustums with or without spherically blunted

rg noses.

The Newtonian value of the stability derivative Cmq for a complex body is obtained as follows:

Step 1. Compute Cm,'for each body segment about its own front face using figures 7.2.1.2-12
and 7.2.1.2-13b if the body has a spherically blunted nose,and figures 7.2.1.2-12 and
7.2.1.2-13a if the body nose is a cone frustum.

Step 2. Transfer the individual derivatives Cmq' to a common moment center by applying the

folowing axis transfer equation to each body segment:

C,2n n /nd2
C q 2 Cm-' 2 +-CNq 21- C 7.2.1.2.<crnq Mq d mC d q d/ N a

where

CNa is the normal-force-curve slope for each segment based on individual base

areas from S('ction 4.2.1.1.

CNq' is the pitching derivative for each segment based on individual base areas
and base diameters and referred to a moment center at the forward face
of the segment. This derivative is obtained from paragraph D of Section
7.2.1.1.

Cm)' is the pitching-moment-curve slope for each segment based on individual

base areas and base diameters and referred to a moment center at the
forward face of the segment. This derivative is obtained from paragraph D
of Section 4.2.2.1.

Cnlq' is the pitching derivative for each body segment based on individual base
areas and the square of base diamete-s and referred to a moment center at

7.2.1.2-6



the forward face of the segment. If a complex body consists of
-. .. combinations of cone frustums, the derivative for the first frustum must

be obtained from figure 7.2.1.2-13a, which accounts for the front face
being exposed to the air stream. If the body has a spherically blunted
nose, the derivative of the nose is obtained from figure 7.2.1.2-13b. For
subsequent frustums the derivatives are obtained from figure 7.2.1.2-12.

Step 3. The transferred derivatives of the individual body segments are added after being
converted to a common reference area and squared diameter. The total derivative of
the individual body segments is given by

Znn
Cm q = 3(Cq)n (±d) 7.2.1.2-d

Sample Problem

Given: Same multiple-segrnient body as sample problems of paragraph D of Sections 4.2.1.1, 4.2.2.1,
and 7.2.1.1.

d 8. 19

d,33 dFa4

-0 0.55 ft (distance from moment reference center to body nose)

Spherical segment Forward cone frustum

1 =0.18 ft a2 = 0.62 ft

r= 0.36 ft d2  1.20ft

d= 0.62 ft R2 0.72 ft

02 = 22.50

7.2.1.2-7



Cylinder Rear cone frustum

a3  -1.20 ft a4  = 1.20 ft

d3 = 1.20ft d4 = 1.368 ft

R3 = 1.20 ft 24 = 0.96 ft

03 = 0 04 = 50

Compute:

Spherical segment

221/dc = 21/r1 = 0.50

C ' -0.50 perrad (figure 7.2.1.2-13b)mq1

nl =- = -0.55 ft

d= a2 = 0.62 ft

CN = 0.75 per rad (figure 4.2.1.1-23)

C ' = -.0.430 per rad (figure 4.2.2.1-20b)

CN '= 0.865 per rad (figure 7.2.1.1-9b)
ql

Cm =Cm -2-C + nC - CN ( (equation 7.2.1.2-c)ql qd I qm ,l qd

= -0.50 - (-1.774) (-0.43) + (-0.887) (0.865) - (1.574) (0.75)

= -0.50 - 0.763 - 0.767 - 1.180

= -3210 per rad (based on -4di)

Forward cone frustum

a2/d2 = 2 = 0.517
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Cm'= --0.68 per rad (figure 7.2.1.2-12)
q2

n= -(Ro +R1 ) = -0.73

CN2 = 1.250 per rad (figure 4.2.1.1-26)

C '=-0.590 per rad (figure 4.2.2.1-20a)m2

CN = 1.22 per rad (figure 7.2.1.1-9a)
q2

+= C ' c + (equation 7.2.1.2-c)
q2 q d2  a2 T2 Cq2 2 CN

- -0.68 - (-1.217) (-0.590) + (-0.608) (1.22) - (0.74) (1.25)

- -0.68 - 0.718 - 0.742 - 0.925

-3.065 per rad (based on -

Cylinder

Sa/d3 
= X3  = 1.0

Cm ' 0 (figure 7.2.1.2-12)
q3

L"3 A-(o + R1  = -1.45

C = 0 (figure 4.2.1.1-26)SN 0 3

C = 0 (figure 4.2.2.1-20a)

CN -= 0 (figure 7.2.1.1-9a)
q 3

C =0

7.2.1.2-9



Rear cone frustum

a4 /d4  X ?4 .0.877

Cm ' -0.250 per rad (figure 7.2.1.2-12)* 
q4

"•4 = 0 + R = -2.65

"C =0.450 per rad (figure 4.2.1.1-26)
aN 4

C M -0.19 per rad (figure 4.2.2.1-20a)

CN ' 0.36 per rad (figure 7.2.1.1-9a)
""4

- 2 = Cm q -2 - (equation 7.2.1.2-c)C =C -2- + C -q•_-m 4  d Nq4 dqN

- -0.25 - (-3.87) (-0.19) + (-1.94) (0.36) - (7.53) (0.45)

- -0.25 - 0.735 - 0.698 - 3.388

- -5.072 per rad (based on

Solution:

Converting the derivative for each segment to a common reference area and square of the di-
ameter, the base area and diameter of the rear cone frustum, and adding gives

Cm+Cm + 3 (equation 7.2.1.2-d)q 1 0d. 2 4 / 1 q3 (d

.62 -3.210 t-- )-3.065 (-1. 36 + 0 + (-5.072)

\321. (368,) 36-8f

"" -0.1354 - 1.8148 - 5.072

"" -7.C22 per rad (based on 2 )

7.2.1.2-10
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7.2.2 BODY ACCELERATION DERIVATIVES

7.2.2.1 BODY ACCELERATION DERIVATIVE CL&

Methods are presented for determining the body contribution to the derivative CL4 in the
subsonic, transonic, and supersonic speed ranges.

Datcom methodb are based on the relatively simple results derived from slender-body theory in a
manner similar to that used to predict the body pitching derivatives. It is assumed that a
relationship of corresponding slender-body derivatives may be applied with reasonable accuracy
to the case of vertical acceleration in a manner similar to that of reference 1. This approach to
the calculation of body dynamic derivatives has been applied with reasonable success by Walker
and Wolowicz in reference 2. It was shown in reference I that, although slender-body theory
alone does not accurately predict the characteristics of nonslender bodies, the ratio of
corresponding slender-body derivatives may be used with reasonable accuracy to predict the
static forces on nonslender configurations. The body contribution to CLj is then given as the
product of the lift-curve slope CLa and the ratio of slender-body derivatives, i.e.,

=LZ CL()

Since slender-body theory states that body force characteristics are independent of Mach
number, the limitations of these methods are determined by the limitations of the methods used
in determining the derivative CL., in the various speed regimes. Experimental data should be used
for the body lift-curve slope when available.

A. SUBSONIC

There is no explicit method available in the iiterature for the estimation of body acceleration
K derivatives in the subsonic speed range. The method presented below is based on the application

7 of slender-body theory in the manner previously discussed.

DATCOM METHOD

The body contribution to CLa, based on body base area and body length, is given by

CL = 2 CL - (per radian) 7.2.2.1-a

7.2.2.1-1



where

CLoC is the body lift-,,urve slope from paragraphA of Section 4.2.1.1 multiplied by
S(VB 2 /3/Sb), based (n Sb (per radian).

VB is the total body v, ,lume from Section 2.3.

Sb is the body base area.

IB is the length of the body.

Sample Problem

"Given: Same ogive-cylinder configuration as sample problem of paragraph A of Section 7.2.1.1.

"2,- 5d

d I ft R13 6.0 ft Fineness Ratio 6.0

V 3.88 cu ft (Section 2.3) S = 0.785 sq ft

CL 1.724 per rad (based on Sb, Section 7.2.1.1)

Compute:

V YB (3.88)
;.. • -= = 0.824

Sb B (0.785) (6.0)

Solution:

CL - 2 C1  B (equation 7.2.2.1-a)
cx

. 2(1.724) (0.824)

= 2.84 per rad (based on S k)

r 7.2.2.1-2



B. TRANSONIC

The only available method for determining the body dynamic stability derivatives at transonic
speeds is that of Landahl in reference 3. However, Landahl's results for the acceleration
derivatives are frequency-dependent and no quantitative information is presented. Since slender-
body theory states that body force characteristics are independent of Mach number, the method
of paragraph A is applicable throughout the transonic speed range.

C. SUPERSONIC

Several of the theoretical methods available for estimating the body acceleration derivatives in
the supersonic speed range are briefly discussed in Section 7.2. These include simple slender-body
theory, theories treated within the assumptions of slender-body theory, and hybrid theory. The
method presented here is based on the results of simple slender-body theory. Theories treated
within the assumptions of slender-body theory are mathematically complex and restricted to
specific planforms; therefore, no general quantitative information of their results is presented.

The supersonic CN& of cones may be obtained from the hybrid theory solution of reference 4.

DATCOM METHOD

The method presented here for determining the body contribution to CN6&, based on body base
area and body length, is the same as that of paragraph A and is given by equation 7.2.2.1-a, i.e.,

CN. = 2 CNa (-B)

where CNe is the body normal-force-curve slope from paragraph C of Section 4.2.1.1, evaluated
at the appropriate Mach number. The other parameters are defined in paragraph A of this
section.

D HYPERSONIC

The body contribution to the derivative CN&, in the hypersonic speed range is shown in
reference 5 to be zero when determined by the Newtonian impact theory.

REFERENCES
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3. Landahl, M. T.: Forces and Moments on Oscillating Slender Wing-Body Combinations at Sonic Speed. MIT Fluid Dynamic
Raeearch Group Report No. 56-1, 1956. (U)
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7.2.2.2 BODY ACCELERATION DERIVATIVE Cm&

Methods are presented for determining the body contribution to the acceleration derivative Cm&.

in the subsonic, transonic, and supersonic speed ranges.

Datcom methods are based on the same assumptions that were made in regard to the estimation
of the body contribution to the derivative CL&, and the general discussion of Section 7.2.2.1 is
directly applicable here. The body contribution to Cm& is expressed as

c a = Ci. a 
yt w

The limitations of these methods are determined by the limitations of the methods used in
estimating the static derivative Cma in the various speed regimes. Experimental data should be
used for the body pitching-moment-curve slope when available.

A. SUBSONIC

The comments of Paragraph A of Section 7.2.2.1 are" directly applicable here.

DATCOM METHOD

The body -contribution to Cm &, based on body base area and the square of the body length and
referred to an arbitrary moment center, is given by

V ~xm~

Cm Cm a V3 2B 7.2.2.2-a

where

Cme is the body pitching-moment-curve slope from ParagraphA of Section 4.2.2.1,
multiplied by VB/(SbRB).

xC is the longitudinal distance from the vertex to the centroid of the volume and is
given by Fquation7.2.1.2-b, i.e.,

0 9 S(x) x dx

7.2.2.2-1
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xm is the longitudinal distance from the body vertex to the center of rotation, positive
aft.

RB is the length of the body.

VB is the total body volume from Section 2.3.

Sb is the body base area.

Sample Problem

Given: Same ogive-cylinder configuration as sample problems of Paragraph A of Sections 7.2.1.2
and 7.2.2.1.

2.5d

4."t -- = I 71 .L

V 6.5d
• 1

m

d 1 ft B= 6.0 ft Fineness Ratio 6.0 Xm = 3.8 Ift
In1Fi. .

-,
. - 0.824 (Section 7.2.2.1)

rS " i

S . 0.781 per rad
* "'a (Section 7.2.1.2)

C = 3.55 ft )
I.!

- .Solution:

- 3.8- 0.367

7.2.2.2-2
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mf, 2 a (1 £[ ) VB (Equation 7,2.2.2-a)

t .2 3.55 3.8 1

2(0.781) L 0.367 - 0.824 J

1.56?(-0.0343)

- 0.117 per rad (based on SbR2)

B. TRANSONIC

The comments of Paragraph B of Section 7.2.2.1 are directly applicable here. The method of
Paragraph A is applicable throughout the transor.ic speed range.

C. SUPERSONIC

The theoretical methods applicable for the estimation of the body coatribution to the derivative
Cma parallel taose of the body contribution to the derivative CL6. Therefore, the general
comments of Paragraph C of Section 7.2.2.1 are also applicable here.

The supersonic Cm& for a cone can be estimated by the hybrid theory solutions presented in
Reference 1.

K • DATCOM METHOD

The method presented here for the body contribution to Cm,; based on body base area and the
square of the body length and referred to an arbitrary moment center, is the same as that of
Pparagraph A and is given by Equation 7.2.2.2-a, i.e.,

C 2C () 2.2-

72,2.2.-3



where Cma is the body pitching-moment-curve slope from ParagraphC of Section 4.2.2.1,

evaluated at the appropriate Mach number. The other parameters are defined in Paragraph A of
this section.

D. HYPERSONIC

The body contribution to the dertvative Cn& in the hypersonic speed range is shown in
Reference I to be zero when determined by the Newtonian impact theory.

REFERENCE

1. Tobak, M., and Wehrend, W. R.: Stability Derivatives of a Cone at Supersonic Speeds. NACA TN 3788, 1956. (U)

-V
~~ 7.2 .2.2-4



II

Revied September 1970

7.3 WING-BODY DYNAMIC DERIVAi VES

7.3.1 WING-BODY PITCHING DERIVATIVES

"7.3.1.1 WING-BODY ?ITCHING DERIVATIVE CLq

The information contained in this section is for estimating the pitching derivative CLq Of
wing-body configurittions at low angles of attack. In general, it consists of a synthesis of material
presented in other sections; however, the method of application is new.

The Datcom methods are based on the assumption that the mutual interferences that occur
between components for angle-of-attack variations, determined in references I and 2 and
presented in Section 4.3.1.2, may be employed with reasonable accuracy to the case of steady
pitching. This approach to the calculation of wing-body pitching derivatives has been used with
reasonable success by Walker and Wolowicz in reference 3.

A. SUBSONIC

Two methods are presented for determining the pitching derivative CLq of a wing-body
configuration, differing only in their treatment of the mutual interference effects.

DATCOM METHODS

Method I

For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the pitching derivative
CLa, based on the area and mean aerodynamic chord of the total panel and referred to a
moment center at the assumed center of gravity or center of rotation, is given by

("KW(B) + KB<)w] +(L'q\ + (CLq S .3.1.1-a

where

Kw(B) and KB(w) are the appropriate wing-body interference factors obtaint.d from Section
4.3.1.2.

(CLq),. is the contribution of the exposed panel to the pitching derivative CLq, obtained
from Section 7.1.1.1. (See Section 4.3.1.2 for the definition of exposed surfaces.)

(CLq)B is the contribution of the body to the pitching deiivative CLq, obtained from

Section 7.2.1.1.

i 7 .3.1.1-1



is the ratio of the exposed to the total panel area.

SS is the ratio of the body base area to the total panel area.

-7- is the ratio of the mean aerodynamic chord of the exposed panel to the mean
C aerodynamic chord of the total panel.

_ is the ratio of the body length to the mean aerodynamic chord of the total panel.
c

Moment transfer calculations are included as an integral part of the wing and body derivative

estimation methods of Sections 7.1.1.1 and 7.2.1.1, respectively.

Method 2

For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the pitching derivat.ve
CLq, based on tht. area 4,.u mean aerodynamic chord of the total panel and referred to a

moment center at the assumed center of gravity or center of rotation, is given by

(c\ K(WB) (CL\ + (L\J 7.3.1.1 -b
\C Lqw qW+ (qf B ) 1

where

K(wD) is the wing-body interference factor, obtained from figure 4.3.1.2-12c of Section

4.3.1.2.

.. (CLW is the contribution of the total panel to the pitching derivative CL q obtained from

Section 7.1.1.1.

The remaining terms are defined in method I above. Moment transfer calculations are included

S_"as an integral part of the wing and body derivative estimation methods of Sections 7.1.1.1 andr . 7.2. 1. 1, respectively.

Sample Problem

t - Method 1

Given: An ogive-cylinder-body-triangular-wing configuration

S" 7.3.1.1-2
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X M

ýA LE

..4 -

7 'm

EXPOSED PANEL

13 Wing Characteristics:

Total Panel Exposed Panel

A =5.0 = 0 A, =5.0 Xe = 0

A = 38.670 S = 414.0 sq ft be 38.37 ft So = 294.50 sq ft

iw 0 c= 18.20 ft Ac/2= 21.80 Cr 15.375 ft

- b = 45.50 ft = 12,133 ft = 10.25"ft

NACA 66-206 airfoil section

Body Characteristics:

' 25.0 ft LB = 77.20 ft d 7.127 ft

The following ratios based on total panel dimensions:

-Sl Sb
"= 0.7113 - 0.845 - = 0.0963 - 6.363

7.3.1.1
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Additional Characteristics:

M = 0.60 x= 43.70 ft (moment center at ý/4 of total panel)

d
j3 0.80 0.157

b

Compute:

Step 1. Pitching derivative CL for exposed panel (Section 7.1,1..1) >
6.19 per rad (table 4.1.1-B)

: -yr- =0.98527r

tan• 2 + t [0.64+0.161"' 4.54
K 0.985

(C)
r A € = 0.90 per rad (figure 4.1.3.2-49)

(CL)Q : 4.50 per rad

tan ALE
1.0

A tan ALE =4.0

( ' )~ =0.560 (figure 4.1.4.2-26a)

C

C r 0

( /- = 0.408 (from planform geometry of exposed panel with c.g. at Z/4 of total
Cre panel)

S.(equation 7.1.1.1-b)

L 1 7.3.1.1-4



" X (-0.-- X) () = (0.560 - 0.408) 1.50 = 0.228

(C~q~ =(-h + ~ CL) (equation 7. 1. 1. 1-a)

= (0.956) (4.50)

4.30 per rad (based on S,ý,)

Step 2. Wing-body interference factors (Section 4.3.1.2)

Kw(B = 1.125
KB) =0.215 (figure 4.3.1.2-10)

Step 3. Pitching derivative CL for body (Section 7.2.1.1)

k 77.20- - 10.83
d 7.127

- (k2 - k1) = 0.947 (figure 4.2.1.1-20a)

x= R = 25.0ft

xi 25.0
~- - 0.324£9 77.2

-B

~X

x= 42.46 ft

SO = S, = 39.88 sqft

IN 25.0
-- 7-27 =3.508d 7.127

VN--VN -=0.535 (figure 2.3-5, ogive)

SoN

VN = (0.535) (39.88) (25.0) = 533.4 cu ft

7.3.1.1-5



V5 = (Ru -9 N) S + VN

= (77.2 -'25.0) (30.88) + 533.4

= 2615.1 cu ft

VB2/ 3 = 189.8 sq ft

2(k2 - k,)So

(CL) = V21 0(equation 4.2.1.1-a)

r2(0.947) (39.88)
189.8

= 0.398 per rad (based on VB 2/3 )

V 2/3 189.8"

.(CLa.) =0.398 Sb 0.398 139.1s8/ - 1.894 per rad (based on Sb)

L b

(~ = 1- 0.434

(C) = 2 (C) (equation 7.2.1.1-a)

= 2(1.894) (0.434)

1 .644 per rad (based on Sb Q1)

Solution:

(CLa)W5 = [KW(B) +) ZLq +C (equation 7.3.1.1-a)

CL JW 
.+-J

(1.1^3 - 0.215) (0.7113) (0.845) (4.30) + (1.644) (0.0963) (6.363)

= 3.46 + 1.007
= 4.467 per rad (based on the area and mean aerodynamic chord of the total

panel and referred to a moment center at ý/4 of the total pane!)
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"B. TRANSONIC

The aerodynamic interference effects for slender wing-body configurations are relatively
insensitive to Mach number; consequently, the slender-body interference factors of Section
4.3.1.2 should give reasonable results. For nonslender configurations, transonic interference
effects can become quite large and sensitive to minor changes in local contour.

DATCOM METHODS

It is recommended that the methods presented in paragraph A for estimating the pitching
derivative CLq of a wing-body configuration be applied to the transonic speed regime. Care

should be taken to estimate the contributions of the lifting panel and body at the appropriate
Mach number. The interference factors should be obtained from paragraph C, Section 4.3.1.2.

L" C. SUPERSONIC

The information included in the Datcom accounts for most of the mutual interferences that
• --.. occur between components of a wing-body configuration at supersonic speeds. These interference

effects have been accounted for by the slender-body interference factors of Section 4.3.1.2.

DATCOM METHODS

-The methods presented in paragraph A for estimating the pitching derivative CLq Of a wing-body
configuration are also applicable to the supersonic speed range. Care should be taken to estimate
the contributions of the lifting panel and body at the appropriate Mach number.

Sample Problem

Method 1

Given: Same configuration as sample problem of paragraph A

M = 1.4 1=0.98

Compute:

Step 1. Pitching derivative CL for exposed panel (Section 7.1.1.1)

tan ALE

=0.816

At tan ALE = 4.0

"3(CNj) 4.0 per rad (figure 4.1.3.2-56a)

7.3.1.1-7



(CN) 4.08 per rad

- - = 0.67 (figure 4 .1.4. 2-26a)

•xc'g' = 0.408 (from planform geometry of exposed panel with c.g, at U/4 of total
panel)

1**-

e" (eqiiation 7.1.1.1-b)[ ( - c---/

(X - -(0.67 - 0.408) 1.50 =0,393_ ,car C _Xc..g.

vi cot ALE 1.225 (supersonic leading edge)

3Ae =4.90

cot-1 ( cot ALE) = 39.230

= 0 (figure 7.1. 1.1 -11a)

(Cy. =) (CLq +~ 2 (CNe ) (equation 7. 1.1. 1-c)

= 0 + 2(0.393) (4.08)

= 3.21 per rad (based on V.)

Step 2. Wing-body interference factors (Section 4.3.1.2)

KW(B) = 1.125 (figure 4.3.1.2-10)

:d (0.98) (7.127) =0.455
Cre 15.375

K ( C N) (X, + 1) 1. )] 3.90 (figure 4.3.1.2-11a)

7.3.1.1-8



01

+ b
[~ CN ( +1) -~. i] (0.98) (4.08) (1) (6.38 -- 1) 2 1.51

3.90
K - 0.1812,•. "'w) 21.51

Step 3. Pitching derivative CL for body (Section 7.2.1.1)

£A f77.2 - 25.0
fA 7.32

RN 25.0fqfN =- = - =.2 3.51
di 7.127 -

SfA /fN = 2.09

13 0.98f 0-98 - 0.279
'Q fN 3.51

CN) 2.74 per rad (figure 4.2.1.1-2 1a, extrapolated)

- = 0.434 (sample problem. oaragraph A)

(Cq) 2 (CN)~ (equation 7.2.1.1 -a)

= 2(2.74) (0.434)

= 2.378 per rad (based on SbRB)

Solution:

(Cjq)ý 1KWB KB(W)l (-)()Cq + (CLq)B ( ) (c
4 (equation 7.3.1. 1-a)

- (1.125 + 0.181) (0.7113) (0.845) (3.21) + (2.378) (0.0963) (6.363)

= 2.520 + 1.457

- 3.977 per rad (based on the area and mean aerodynamic chord of the total
panel and referred to a moment center at 6/4 of the total panel)

7.3.1.1-9
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7.3.1.2 WING-BODY PITCHING DERIVATIVE Cmq

The information contained in this section is for estimating me pitching derivative Cmq of
wing-body configurations at low angles of attack. The derivative Cmq is a measure of the
pitcning moment produced by rotatiorial motion about a spanwise axis and is commonly referred
to as the pitch-damping derivative,

The Datcorn methods are based on the same assumption that was made in regard to the pitching
derivative CLq of a wing-body configuration, and the general discussion of Section 7.3.1.1 is
directly applicable here.

A. SUBSONIC

Two methods are presented for determining the pitching derivative Cmq of a wing-body
configuration, differing only in their treatment of the mutual interference effects.

DATCOM METHODS

Method 1

6 For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the pitching derivative

Cmq, based on the area and the square of the mean aerodynamic chord of the total panel and
referred to a moment center at the assumed center of gravity or center of rotation, is given by

(Cm R cn [W(a) KBjw)] (Cm \-\ 7.3.1.2-a

where

(Cmq)c is the contribution of the exposed panel to the pitching derivative C,,, obtained
from Section 7.1.1.2. (See Setion 4.3.1.2 for the definition of exposed surfaces.)

(Cmq)8 is the contribution of the body to the pitching d ;ivative Crmq, obtained from
Section 7.2.1.2.

The remaining terms are defined in paragraph A of Section 7.3.1.1. Moment transfer calculations
are included as an integral part of the wing- and body-derivative estimation methods of Sections
7.1.1.2 and 7.2.1.2, respectively.

"Method 2

For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the pitching derivative
Cnq, based on the area and the square of the mean aerodynamic chord of the total panel and
referred to a moment center at the assumed center of gravity or center of rotation, is given by

7.3.1.2-1
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S/

S-- + (Cm ) q 7.3.1.2-b

where.

(Cm q)w is the contribution of the total panel to the pitching derivative Cm q, obtained from
Section 7.1.1.2.

The remaining terms are defined in method I above and paragraph A of Section 7.3. 1. 1. Moment
transfer calculations are included as an integral part of the wing- and body-derivative estimation
methods of Sections 7.1.1.2 and 7.2.1.2, respectively.

Sample Problem

Method I

Given: Same configuration as sample problem of paragraph A, Section 7.3.1.1. The characteristics
are repeated below.

Wing Characteristics:

Total Panel Exposed Panel * '

A =5.0 X = 0 Ae =5.0 X. = 0

ALE :' 38.670 S = 414.0 sq ft be = 38.37 ft So = 294.50 sq ft

iw 0 cr-- 18.20 ft Ac14 = 30.960 c, = 15.375 ft

b - 45.50 ft = 12.133 ft z= 10.25 ft

NACA 66-206 airfoil section

Body Characteristics:

£ = 25.0 ft = 77.20 ft d = 7,127 ft

The following ratios based on total panel dimensions:

Se

S 0.7113 = 0.7140
VS

S 0.0963 =40.49

7.3.1.2-2



* .-Additional Characteristics:

M = 0.60 xm = 43.70 ft (moment center at Z/4 of total panel)

d
S-=0.80 0=0.157

b

Compute:

Step 1. Pitching derivative Cm for exposed panel (Section 7.1.1.2)
q

ca 6.19 per rad}

-) = 2(sample problem, paragraph A, Section 7.3.1.1)

cs A,,4 = 0.8576

tan Ac/4 = 0.600

B = /1-M 2 cos2 Ac,4 " 0.8575

rA cI+24
I(C . 2 ]a -0.7 cg, cos Ac/4  As +2 cos Ac/4

"+ (A+ 6 0 a cs Ac/4) +- (equation 7.1.1.2-a)

5 (0.228) + 2(0.228)21
-- 0.7(6.19) (0.8576) 12S 2(0.576
•5 + 2(0.8576)

4+ [ 5+ 6(0.8576).[

7.3.1.2-3



= 372[1.090 1 /45 11
6.715 24 10. 146) -8

= -3.72(0.472 1)

-1.76 per rad (based on So 02)

H '. ' A e3  tan2  A c/4
04 + -

ABB+6cosAc/4  B
S A 3 tan2 A Cmq)M .e (equation 7.1.1.2-b)

SCm~e e3 tnAc/4 3

A +6cosA, 4

(5)3 (0.6)2 3
(5) (0.8575) + 6(0.8576) 0.8575 (-1.76)

(5)3 (0.6)2,i .. + 35 + 6(0.8576)

(4.77 + 3.499Sk" ~~~~~4,,435 + -3 - - .6.,,

.="269 (-1.76)k7.435)

= -1.96 per rad (based on Seie2)

Step 2. Wing-body interference factors (Section 4.3.1.2)

Kw(B) = 1.125 )
.. (sample problem, paragraph A, Section 7.3.1.1)

K•t "= 0.215

"Step 3. Pitching derivative Cm for body (Section 7.2.1.2)
q

", 0 1 a' 34 0 67a9x __x_

7.3.1.2-4
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Ax = 2.5 ft

From sample problem, paragraph A, Section 7.3.1.1:

(k2 - k1 ) = 0.947 V4 = 2615,1 cu ft -Sb 39.88 sq ft

x, = 25.0 ft x = 42.46 ft

Determine (Cm a)B

d S dSx dS

AS x (xx*N )A
Station ft I1 ft ASx dx m dx m

1 1.137 1,016 1.016 42.033 42.71
2 2.W0 5.300 4.293 39.787 170.81

3 3.725 10.898 5.5w9 37.376 208.89

4 4.650 16.982 6.064 34.904 212.36

6 5.450 23.328 6.346 32.417 206.72
6 6.150 29.706 6.378 29.925 190.86

7 6.625 34.472 4.766 27.425 130.71
8 6.950 37.937 3.405 24.940 86.42
9 7.100 39.592 1.685 22.446 37.15
x 7,127 39.8C0 0.288 19.949 5.74

x0  7.127 39.880 0 9.970 0

dS

""T . (Xm -x)AX = 1291
x-0

2(k 2 - k) X0  dS(
2 (C ) " 5O x (xm - x) Ax (equation 4.2.2.1-a)

2(0.947) ( 1291)=- 2 970.935 per rad (based on VB)
Z76 15.1

VB (2615.1)(Cm) = (0.935) -b- = 0.935 (21.1) 0.794 per rad (based on SbQ)
\ý a/BSbB (39.88) (77.2)

"x is taken to be at the center of vau'm. of each body SMOnt.
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Determine x

d S(x)
Station ft sq ft x* SWxl x Ax

1 1.137 1.016 1.667 4.23

2 2.600 5.309 3.913 51.94

3 3.725 10.898 6.324 172.30

4 4.650 16.982 8.796 373.43
5 5.450 •23.328 11.283 658.02

6 6,150 29,706 13,775 1023.00
7 6.625 34.472 16.27b 1402.58
8 6.950 37.937 18.760 1 779.24
9 7.10O0 39.592 21.254 2103.72

10 7.127 39,880 23.751 2 367.97S7.127 39.880 61.100 106,377.

Z S(x) xAx = 116,313X- X

fO S(x) x dx 116,313
xC V 2615.1 44.48 ft (equation 7.2.1.2.b)

i.• i B 2615.1
S.. S k• (39.88) (77.2-) 0.4

= 0.434 (sample problem, paragraph A, Section 7.3.1.1)

;mb -

(C =2( ) ~ ~ ~ -(equation 7212a( 2'

(44.48 - 43.71(0.434)2 - 0.849 L4.8-4.0)l[ - .849 77.20
2(0.794) 0.4(0. -4 3•4

*x is taken to be at the center of volume of each body sagent.

"7.3.1,2-6
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[ 1.59 0 -0"849 (0.0101)]

(0.1798-1.59(2-

- -0,689 per rad (based on Sb B 2)

Solution:

(M q)WB =[W(B) + B(& f)\) (Cq, + (Cmt)B KS T3
(equation 7.3.1.2-a)

= (1.125 + 0.215) (0.7113) (0.7140) (-1.96) + (-0.689) (0.0963) (40.49)

- -1.334 - 2.687

= -4.021 per rad (based on the area and the square of the mean aerodynamic
chord of the total panel and referred to a moment center at E/4
of the total panel)

ý-.
B. TRANSONIC

The comments of paragraph B of Section 7.3.1.1 are directly applicable here.

DATCOM METHODS

It is recommended that the methods presented in paragraph A for estimating the pitching
derivative Cmq of a wing-body configuration be applied to the transonic speed regime, Care
should be taken to estimate the contributions of the lifting panel and body at the appropriate
Mach number. The interference factors should be obtained from paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The comments of paragraph C of Section 7.3.1.1 are directly applicable here.

DATCOM METHODS

The methods presented in paragraph A for estimating the pitching derivative Cmq of a wing-body
configuration are also applicable to the supersonic speed range. Care should be taken to estimate
the contributions of the lifting pane! and body at the appropriate Mach number.

"7.3.1.2-7
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Sample Problem

Method 1

Given: Same configuration as sample problem of paragraph C, Section 7.3.1.1 and paragraph A of
this section.

M = 1.4 (3=0.98

Compute:

Step 1. Pitching derivative Cm for exposed panel (Section 7.1.1.2)
q

) 0.393

"- cot ALE 4_ 1.225 (supersonic leading edge)

A0 p = 4.90 (sample problem paragraph C, Section
7.3.1.1)

cot-'1 ( cot ALE) = 39.230

(Lq 3.21 per rad

.-- (Cm) = 1.018 per rad (figure 7.1.1.2-10a)mq
(Cmq'). = -1.039 per rad

*•' (Cm q)C = (Cmq) - (equation 7.1.1.2-d)
Je (C Je De L e

- -1.039 - (0.393) (3.21)

"=.-2.301 per rad (based on S Z 2)

Step 2. Wing-body interference factors (Section 4.3.1.2)

Kw(B) = 1.125
(sample problem, paragraph C, Section 7.3.1.1)

7.1KB2) = 8181 )

i) 7.3.1.2-8



Step 3. Pitching derivative Cm for body (Section 7,2.1.2)
q

fN = 3.51

f4 /f?= 2.09

"(sample problem, paragraph C, Section 7.3. 1. 1)
= 0.279fN

(CN ) = 2.74 per rad

xC= 44.48 ft

V B
= 0.849 (sample problem, paragraph A)Sb Q

1 / -0.434

XC.,,.
- 0.195 (figure 4.2.2.148a, extrapolated)

xM 43.70
B - -0.566

2B 77.20

(Cm) = (CN) (equation 4 .2.2.1-c)

= (0.566 -- 0.195) 2.74

1.017 per rad (based on Sb B)

-'BSb RD £

(Cmq)B = 2(Cm) 1 -RI (equation 7.2.1.2-a)

Sb R

7.3.1.2-9
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(0.434)2 - (0.849) 1-- I

=2(.017) 0.434 - 0.849

0.1798\
= 2.034 I%. 17)

-0.415/

= -0.881 per rad (based on SbRB 2)

Solution:

(Cq) [ KW(D) + KB ~ i (nq(°)W., Se '•,,+•-, T W -). + (C°,)B I\t/

(equation 7.3.1.2-a)

= (1.125 + 0.181) (0.7113) (0.7140) (-2.301) + (-0.881) (0.0963) (40.49)

-- 1.526 - 3.435

= -4.961 per rad (based on the area and the square of the mean aerodynamic
chord of the total panel and referred to a moment center at Z/4
of the total panel)

hi
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7.3.2.1 WING-BODY ROLLING DERIVATIVE CyP

This settion presents methods for estimating the wing-body contribution to the rolling deriva-
tive Cy at subsonic and supersonic speeds. This derivative is the change in side-force coefficient with
change in the wing-tip helix angle.

A. SUBSONIC

Experimental evidence indicates that the effect of the fuselage on the side force due to rolling is
negligible throughout the angle-of-attack range up to the stall. Therefore, the method of Section 7.1.2.1
for estimating the wing-alone derivative at subsonic speeds is also applicable to wing-body configurations.
Available test data are limited to wing-body configurations with body diameters less than about 30
percent of the wing span. Therefore, the application of the wing-alone method is limited to values
of d/b < 0.3.

The method consists of determining the value of Cy at zero lift and extrapolating this result to high
lift coefficients by using experimental values of lift and drag at high lift coefficients. The method also
includes the effect of geometric dihedral.

DATCOM METHOD

The variation of the wing-body rolling derivative Cy with lift coefficient at subsonic speeds is
obtained by using the method of paragraph A of Section 7.1.2.1. In using this method experimental
values of wing-body lift and drag are used in evaluating the dimensionless correction factor K. This
method is limited to configurations with body diameters less than about 30 percent of the wing span,
i.e., d/b < 0.3.

If experimental wing-body lift and drag data are not available, wing-alone test data may be used. If
experimental lift and drag data are not available, no attempt should be made to extrapolate the zero-lift
value to higher' lift coefficients. The negligible importance of the derivative does not wzrrant the
complexities involved in estimating the lift and drag characteristics. Furthermore, no known general
method for estimating the variation of the drag coefficient will give results reliable enough to use in
determining the correction factor for extrapolating the potential-flow values to higher lift coefficients.

The sample problem presented at the conclusion of paragraph A of Section 7.1.2.1 illustrates the use of
this method.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the rolling
derivative Cy p. Furthermore, no known experimental results are available for this derivative at transonic
speeds.

C. SUPERSONIC

No generalized method is available in the literature i'or estimating the effect of the fuselage on the
rolling derivative Cy

For the purposes of the Datcom the fuselage effect is considered to be negligible for wing-body

7.3.2.1-I



configurations with body diameters less than abort 30 percent of the wing span. Therefore, for
configurations with d/b < 0.3 the wing-body rolling derivative Cy is estimated by the wing-alone
method of paragraph C of Section 7.1.2. 1.

No known experimental data are available for this derivative at supersonic speeds. Therefore, the validity
of the Datcorn application cannoL be determined.

DATCOM METHOD

The wing-body rolling derivative Cy at supersonic speeds and at low values of the lift coefficient is
obtained by using the method of paragraph C of Section 7.1.2.1.

This method is limited to configurations with body diameters less than about 30 percent of the wing
span, i.e., d/b < 0.3.

The sample problem at the conclusion of paragraph C of Section 7.1.2.1 illustrates the use of this
method.

r
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7.3.2.2 WING-BODY ROLLING DERIVATIVE Clp

This section presents methods for estimating the wing-body contribution to the Tolling derivative Cp at
subsonic and supersonic speeds. Mhis derivative is the change in rolling-moment coefficient with change
in the wing-tip helix angle and is commonly referred to as the roll-damping derivative.

A. SUBSONIC

Experimental evidence indicates that in general for configurations with the ratio of maximum body
diameter to wing span less than about 30 percent, i.e., d/b 1 0.3, the effect of the fuselage on the roll
damping is negligible over the angle-of-attack range up to the stall. Therefore, the method of Section
7.1.2.2 for estimating the wing-alone derivative at subsonic speeds is applied in this section to estimate
the wing-body roll damping at subsonic speeds.

The method consists of first determining the value of C1P at zero lift based on simplified lifting-surface
theory, then assuming that variations in the lift-curve slope will affect C1  in the same proportion
as CL 2, and finally accounting for the drag associated with the additional lift on the outer portion of
the wing resulting from flow separation and the attendant formation of a stable leading-edge vortex. The
method also accounts for geometric dihedral.

The Datcom method accounts for the variations in wing-body lift-curve slope, drag due to lift, profile
drag, and the effect of dihedral. The method requires knowledge of the variation of lift and drag over
the angle-of-attack range to the stall. Therefore, the method is quite rc adily applied if experimental lift
and drag data are available.

This method is restricted to configurations with values of d/b < 0.3.

Although all the bodies of the wing-body configurations analyzed were bodies of circular cross section,
the method should give reasonable values for configurations with noncircular cross-section bodies,
provided reliable values of the wing-body lift-curve-slope variation are available.

DATCOM METHOD

The variation of the wing-body rolling derivative C1  with lift coefficient at subsonic speeds is obtained"by using the method of Paragraph A of Section 7.1.2.2. In using this method experimental values of

wing-body lift and drag are used in evaluating the variations of lift-curve slope and profile drag.

The limitations of the method as applied to wing-alone configurations are equally applicable to the
method when applied to a wing-body configuration.

A comparison of the roll-damping derivative calculated by using this method with test results is
presented as Table 7.3.2.2-A. Experimental values of wing-body lift and drag have been used in
evaluating the roll-damping derivative of all the configurations listed in the table.

If test data for wing-body lift and drag are not available, the wing-alone result should be used for tne
wing-body roll damping of configurations with d/b < 0.3. In this case wing-alone test data are preferred,
but if they are not availablethe wing-alone lift and drag should be estimated as outlined in Section 7.1.2.2.
The Datcom methods for estimating the wing-body lift and drag variations with angle of attack have not
been substantiated and, therefore, should not be used in evaluating the wing-body roll damping.

7.3.2.2-1



The sample problem presented at the conclusion of Paragraph A of Section 7.1.2.2 illustrates the use of
this method.

B. TRANSONIC

There are no reliable methods for estimating the derivative Cl in the transonic region. Although this
derivative might be expected to vary with Mach number in the same manner as lift-curve slope, this
trend is not exhibited by experimental data. A considerable quantity of wing-body test data is available,
however, and reference should be made to Table 7-A.

C. SUPERSONIC

Reference I presents a linear-theory method for estimating the roll damping of thin supersonic-
leading-edge triangular and rectangular wings mounted on cylindrical bodies. The roll damping of thin
subsonic-leading-edge triangular wings mounted on cylindrical bodies is presented in Reference 2 based on
slender-wing theory. These theoretical results show that for most of the range of variables the net effect
of the body is to decrease the roll damping. The body effect is small for body diameters less than about
30 prcent of the wing span (d/b < 0.3) for both triangular and rectangular wing configurations.
However, the body effect increases rapidly as the ratio of body diameter to wing span increases beyond
this vaiue. Unfortunately, at the higher values of d/b the theory does rot show the same trend with
Mach number for the body effects of configurations with triangular and rectangular wings. At these
higher values of d/b the body effect increases with increasing Mach number for configurations with
rectangular wings; whereas, the body effect decreases with increasing Mach number for configurations
with triangular wings. Therefore, at higher values of d/b the theoretical results for triangular and

- rectangular wings cannot be applied to indicate the general trend of the body effect for configurations
with other planforms.

The Datcom uses a design chart, based on the theoretical results of References 1 and 2 and a limited
amount of experimental data, to account fo1 the effect of a circular body on the roll damping of a
wing-body configuration at zero lift. This chart is applicable to all straight-tapered wing configurations at
values of d/b < 0.3, but is restricted to triangul r wing configurations at higher values of d/b.

DATCOM METHOD

The wing-body roll-damping derivative at supersonic speeds, based on the product of the wing area and
the square of the wing span SW bjw, is given by

C1
p(C/P)W (Cp) (per radian) 7.3.2.2-a

O " (Clow (C 1 )
P dlb=O

where (Ct,)w is the wing contribution to the roll-damping derivative at supersonic speeds, obtained by
using the method of Paragraph C of Section 7.1.2.2, including the effects of wing thickness, and

Ct

- is the semiempirical body-correction factor obtained from Figure 7.3.2.2-13 as a
C /b function of thc ratio of maximum body diameter to wing span and the Mach

number normal to the leading edge.
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Figure 7.3.2.2-13 is applicable to all straight-tapered wing configurations with circular bodies over the

range 0 < d/b < 0.3. For values of d/b > 0.3 this chart is applicable only to configurations consist-
ing of triangular wings mounted or c yhindrical bodies.

Experimental results cc,:o,, ted in Reference 15 for triangular wing-body configuratVns
with d/b 0.4 and 0.6, ;tLAd ror subsonic, sonic, and supersonic leading edges, show good agreement
with the values given by !-;i.ra-e 7.3.2.2-13.

No experirr.ental dz;ti uae presently available to substantiate the theoretical results of Reference I for
rectangulaxr wing-oy configurations with values of d/b > 0.3.

As noted atx'qz, the triangular- and rectangular-wing results of References I and 2 at values
of d/b > 0.3 c.<nnot be used to indicate the general trend of the body effects for other planforms.

The supersonic roll-damping derivative m the linear-lift range calculated by this method is compared

with test results in Table 7.3.2.2-B. Although all configurations listed in Table 7.3.2.2-B have cylindrical

bodies, the method may be applied to configurations having bodies which are not true cylinders, but
which are almost cylindrical.

Sample Problem

A triangular wing-body configuration of Referencel4.

gALE = 44.90 Ac/ 2 = 26.70 A = 4.05 N = 0

d/b 0.20 M = 1.92 ; 3 = 1.639

Airfoil: Hexagon, 61 = 4.90

Compute:

0A = (1.639) (4.05) = 6.64

A tan At/, = (4.05) (tan 26.70) = 2.04

(C)
- - 0.0505 per rad (Figure7.1.2 .2 -25a)

A

Scot ALE = (1.639) (cot 44.90) = 1.642 (supersonic leading edge)

tan ALE tan 44.90
- 6 0.608S1.639

Cv
=0.970 (¶igure7.1.2.2-27)

(C 1 )

7.3.2.2-3
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Cl 0.970 (Figure7.3.2.2 -13)

(C,)

Solution:

-:-- L-o.osos] (4.05) (0.970)

K - -0.198 per rad

C,

(Cp) = (Cp) (CP (Equation 7 .3.2 .2-a)

1W \L A A d/b0

= (-0.198) 0.970

= -0.192 per rad (based on Swbý)

This compares with a test value of -0.182 per radian from Reference 14.
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7.3.2.3 WING-BODY ROLLING DERIVATIVE Cnp

This section presents methods for estimating the wing-body contribution to the rolling derivative Cnp at
subsonic and supersonic speeds. This derivative is the change in yawing-moment coefficient with change
in wing-tip helix angle.

A. SUBSONIC

Experimental evidence indicates that the effect of the fuselage on the yawing moment due to rolling is
negligible throughout the angle-of-attack range up to the stall. Therefore, the method of Section 7.1.2.3
for estimating the wing-alone derivative at subsonic speeds is also applicable to wing-body configurations.
Available test data are limited to wing-body configurations with body diameters less than about 30
percent of the wing span. Therefore, the application of the wing-alone method is limited to values
of d/b < 0.3.

The method consists of determining the value of Cp at zero lift and extrapolating the result to high
lift coefficients by using experimental values of lift and drag at high lift coefficients. The method also
includes the effects of wing twist and symmetric flap deflection.

DATCOM METHOD

The variation of the wing-body rolling derivative Cn, with' lift coefficient at subsonic speeds is obtained
by using the method of Paragraph A of Section 7F1.2.3. In using this method experimental values of
wing-body lift and drag are used in evaluating the dimensionless correction factor K. This method is
limited to configurations with body diameters less than about 30 percent of the wing span, i.e.,
d/b < 0.3.

If experimental wing-body lift and drag data are nct available, wing-alone test data may be used to
determine the wing-body rolling derivative CnP. No attemipt should be made to extrapolate the zero-lift
value to higher lift coefficients using estimated lift and drag results. No known general method for
estimating the variation of drag coefficient will give results reliable enough to use in determining the
correction factor for extrapolating the potential-flow values to higher lift coefficients;

The sample problem at the conclusion of Paragraph A of Section 7.1.2.3 illustrates the use of this
method.

B. TRANSONIC

No generalized mrethoC is available in the literature for estimating transonic values of the rolling
derivative Cnp. Furthermore, no known experimental results are available for this derivative at transonic
speeds. -

C. SUPERSONIC

No generalized method is available in the literature for estimating the effect of the fuselage on the
rolling derivative Cnp at supersonic speeds.

For the purpose of the Datcom the fuselage effect is considered to be negligible for wing-body
configurations with body diameters less than about 30 percent of the wing span. Therefore, for

7.3.2.3-1



configurations with d/b • 0.3 the wing-body rolling derivative C,,p is estimated by the wing-alone
method of Paragraph C of Section 7.1.2.3.

No known experimental data are available for this derivative at supersonic speeds. Therefore, the validity
of the Datcom application cannot be determined.

DATCOM METHOD

"The wing-body rolling derivative Cn at supersonic speeds in the range of lift coefficients for

which Cnp varies linearly with CL is obtained by using the method of Paragraph C of Section 7.1.2.3.

A This method is limited to configurations with body diameters less than about 30 percent of the wing
span, i.e., df-b < 0.3.
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"7.3.3 WING-BODY YAWING DERIVATIVES

7.3.3.1 WING-BODY YAWING DERIVATIVE Cy,

This section recommends methods for estimating the wing-body contribution to the. yawing
derivative. Cy, at subsonic speeds. However, at subsonic, transonic, and supersonic speeds no
generalized methods are available for estimating the wing-body contribution to the yawing
derivative Cy,. This derivative is the change in side-force coefficient with variation in yawing
velocity.

A.. SUBSONIC

Experimental evidence indicates that the effect of the fuselage on the side force due to yawing is

negligible throughout the angle-of-attack range up to the stall. Therefore, the recommendations

of Section 7.1.3.1 for estimating the wing-alone derivative at subsonic speeds are also applicable
to wing-body configurations.

The recommendations of Section 7.1.3.1 consist of using available experimental data, when
applicable, or the method of reference 1 to estimate CYr.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the
wing-body contribution to the yawing derivative Cyr. Furthermore, there is a scarcity of
experimental data for this derivative at transonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the

wing-body contribution to the yawing derivative Cyr. Furthermore, there is a scarcity of
experirnen.•; data for this derivative at supersonic speeds.

REFERENCE

1. Tall, T. A., and Queijo, M. J.: Approximate Relations and Chats for Low-Speed Stability Derivatives of Swept Wings. NACA
TN 1581, 1948. (U)
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7.3.3.2 WING-BODY YAWING DERIVATIVE C1,

"This section presents a method for estimating the wing-body contribution to the yawing
derivative C(r at subsonic speeds. However, at transonic and supersonic speeds no generalized

S7. methods are available for estimating the wing-body contribution to the yawing derivative Clr.
This derivative is the change in rolling-moment coefficient with change in the yawing velocity.

A. SUBSONIC

Experimental evidence indicates that the effect of the fuselage on the rolling moment due to
yawing is negligible. Therefore, the method of Section 7.1.3.2 for estimating the wing-alone
derivative at subsonic speeds is also applicable to wing-body configurations. Available test data
are limited to wing-body configurations with body diameters less than about 30 percent of the
wing span. Comsequently, the application of the wing-alone method to estimate the wing-body
contribution to Cjr is limited to values of d/b < 0.3.

DATCOM METHOD

The variation of the wing-body yawing derivative CI, is obtained by using the method of Section
7.1.3.2. The method consists of determining the value of Clr at zero lift and extending this value
to high lift coefficients by using a serniempirical correction factor and test data for CIa. The:u 'O, method also includes the effect of geometric dihedral, wing twist, and flap deflection. The
method is limited to configurations with body diameters less than about 30 percent of the wing
span; i.e., d/b < 0.3.

The sample problem presented at the conclusion of paragraph A of Section 7.1.3.2 illustrates the
use of this method.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the
wing-body contribution to the yawing derivative Cl,. Furthermore, there is a scarcity ofexperimental data for this derivative at transonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the
F4 wing-body contribution to the yawing derivative Clr. Furthermore, there is a scarcity of

experimental data for this derivative at supersonic speeds.

7.3.3.2-1
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7.3.3.3 WING-BODY YAWING DERIVATIVE Cn1

6

This section presents a method for estimating the wing-body contribution to the yawing
derivative Cnr at subsonic speeds. However, at transonic and supersonic speeds no generalized

methods are available for estimating the wi-..body contribution to the yawing derivative Cn,.
This derivative is the change in yawing-mor .,A coefficient with change in the yawing-velocity

L- parameter and is commonly referred to as the yaw damping.

A. SUBSONIC

In general, the wing-fuselage contribution to damping in yaw is small in comparison to the

vertical-tail contribution. The contribution from the fuselage depends upe' the relative size of
the fuselage in comparison to the wing. For configurations in which the .aselage is large relative.
to the wing, the fuselage contribution is important. Fuselages having flat sides or having a
flattened cross section with the major axis vertical can also make a significant contribution
(reference 1). Experimental data have also shown that a flattened cross-section fuselage with the
major axis horizontal can have negative damping in yaw at moderate and high angles of attack.

No generalized method exists in the literature for predicting the fuselage contribution to yaw
damping. Therefore, for the purposes of the Datcom, fuselage effects are considered to be
negligible. Consequently, the Datcom method of Section 7.1.3.3 for estimating the wing-alone
derivative at subsonic speeds is also applicable to wing-body configurations.

DATCOM METHOD

The estimated value of the wing-body yawing derivative C,, is obtained by using the method of
Section 7.1.3.3. In using this method experimental values of wing profile drag coefficient,
evaluated at the appropriate Mach number, are used in conjunction with the lift coefficient.
These coefficients are used to evaluate the two major contributions to C, namely, that
resulting from the drag due to lift and that resulting from the profile drag. The method does not
account for the effects of wing flaps, wing twist, or wing dihedral.

The sample problem presented at the conclusion of paragraph A of Section 7.1.3.3 illustrates the

use of this method.

B. TRANSONIC

N3 generalized method is available in the literature for estimating transonic values of the
wing-body contribution to the yawing derivative Cnr. Furthermore, there is a scarcity of
experimental data for this derivative at transonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the
L wing-body contribution to the yawing derivative Cr. Furthermore, there is a scarcity of

experimental data for this derivative at supersonic speeds.
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7:3.4 WING-BODY ACCELERATION DERIVATIVES

7.3.4.1 WING-BODY ACCELERATION DERIVATIVE CLS

The information contained in this section is for estimating the acceleration derivative CL& of
wing-body configurations at low angles of attack. In general, it consists of a synthesis of material
presented in other sections; however, the method of application is new.

Datcom methods are based on the relatively simple results derived from slender-body theory in a
manner similar to that used to predict the wing-body pitching derivatives. It is assumed that the
mutual interferences that occur between components for angle-of-attack variations, determined in
references I and 2 and presented in Section 4.3.1.2, may be applied with reasonable accuracy to
the case of normal acceleration. This approach to the calculation of wing-body acceleration
derivatives has been applied with reasonable success by Walker and Wolowicz in reference 3.

A. SUBSONIC

Two methods are presented for determining the acceleration derivative CL& 1f a wing-body
configuration, differing only in their treatment of the mutual interference effects.

DATCOM METHODS

Method I

For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the acceleration derivative
CL&,j based on the area and mean aerodynamic chord of the total panel, is given by

(C.)wl=[KW(B) + K ~ E* (? L)(L (). 7.3.4. 1-a

where

(CL&4 is the contribution of the exposed panel to the acceleration derivative CL&, obtained
from Section 7.1.4. 1. (See Section 4.3.1.2 for the definition of exposed surfaces.)

(CL&) is the contribution of the body to the acceleration derivative CL&, obtained from
Section 7.2.2.1.

The remaining terms are defined in paragraph A of Section 7.3.1.1.

Method 2

For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the acceleration derivative

CL&, based on the area and mean aerodynamic chord of the total panel, is given by

7.3.4.1-1



(CL&)W K(fl) (La)W + (CL) JO C 7.3.4. 1-b

where (Cyj)w is the contribution of the total panel to the acceleration derivative CL&, obtained
from Section 7.1.4.1, and the remaining terms are defined in paragraph A of Section 7.3.1.1 and
method 1 above.

Sample Problem

Method 1

Given: Same configuration as sample problems of paragraph A, Sections 7.3.1.1 and 7.3.1.2. Some
of the characteristics are repeated below.

The following ratios based on total panel dimensions:

Se c Sb RB
- 0.7113 -- 0.845 - 0.0963 - = 6.363

S c S

Additional Characteristics:

d
M 0.60 p=0.80 A 5.0 -= 0.157 B= 7 7 .2 ft

Compute:

Step 1. Acceleration derivative CL . for exposed panel (Section 7.1.4.1)

(Ž±) = 0.560

(sample problem, paragraph A, Section 7.3.1.1)

(CILa) 4.50 per rad

PAC 4.0

CL C )
= 0.140 per rad (figure 7.1.4.1-6)irA/2

CL(g) -1.718 per rad

7.3.4.1-2



(L&. 1.5 (CLj) + 3 CL(g) (equation 7.1.4.1-a)

- (1.5) (0.560) (4.50) + 3(-1.718)

= 3.780 - 5.154

-1.374 per rad (based on S, Z)

Step 2. Wing-body interference factors (Section 4.3.1.2)

"Kw(B) " 1.125
(sample problem, paragraph A, Section 7.3.1.1)

KD(w) = 0.215

Step 3. Acceleration derivative CL& for body (Section 7.2.2.1)

Va = 2615.1 cu ft
(sample problem,

Sb = 39.88 sq ft paragraph A,
Section 7.3.1.1)

(CLC)B 1.894 per rad (based on Sb)

VB\ 2615.1 0.849

(39.88) (77.20)

" - 2- (equation 7.2.2. 1-a)

- 2(1.894) (0.849)

- 3.216 per rad (based on S Re)

Solution:

* (~~CL&)" I KW(Bj) + KB~,I(-w .. (CL.) (CLi)B~ ~

(equation 7.3.4.1-a)

= (1.125 + 0.215) (0.7113) (0.845) (-1.374) + (3.216) (0.0963) (6.363)

7.3.4.1-3



- -1.107 + 1.971

= 0.864 per rad (based on the area and mean aerodynamic criord of the total
. panel)

B. TRANSONIC

The aerodynamic interference effects for slender wing-body configurations are relatively
insensitive to Mach number; consequently, the slender-body interference factors of Section

- 4.3.1.2 should give reasonable results. For nonslender configurations transonic interference
K>". effects can become quite large and sensitive to minor changes in local contour.

DATCOM METHODS

It is recommended that the methods presented in paragraph A for estimating the acceleration
derivative CL& of a wing-body configuration be applied to the transonic speed range. Care should
be taken to estimate the contributions of the lifting panel and body at the appropriate Mach
number. The interference factors should be obtained from paragraph C, Section 4.3.l.2.

C, SUPERSONIC

The information included in the Datcom accounts for most of the mutual interferences that
occur between components of a wing-body configuration at supersonic speeds. These interference
effects are accounted for by the slender-body interference factors of Section 4.3.1.2.

DATCOM METHODS

The methods presented in paragraph A for estimating the acceleration derivative CL& of a
,"- wing-body configuration are also applicable to the supersonic speed range. Care should be taken

to estimate the contributions to the lifting panel and body at the appropriate Mach number.

Sample Problem

"Method I

Given: Same configuration as sample problems of paragraph C, Sections 7.3.1.1 and 7.3.1.2, and
paragraph A of this section.

d
M =1.4 /3=0.98 -- =0. 157

b

•Compute:

Step 1. Acceleration derivative CN . for exposed panel (Section 7.1.4.1)

7.3.4.1-4



'3 cot ALE = 1.225 (supersonic leading edge)

PAC= 4.90 (sample problem, paragraph C,
Section 7.3.1.1)

"cot-1 ' cot ALE) 39.23°

ff[(CN.)] = 0 (figure 7.1.4.1-11a)

9[(CN 2)J =4.00 (figure 7.1. 4 .1-I1c)

[(CN&)2. - 4.08 per rad

SQT• (CN)e= ( ) [(CN ),]- (-)[(CN.)] (equation 7.1.4.1-c)

N /e . N& [ CN1 1

S\o.4/ (o)- ( (4.08)

= -4.25 per rad (based on S

Step 2. Wing-body interference factors (Section 4.3.1.2)

KW(B) = 1.125

(sample problem, paragraph C, Section 7.3.1.1)
KB () = 0,181

Step 3. Acceleration derivative CN. for body (Section 7.2.2.1)

VB
- Q 0.849 (sample problem, paragraph A)
b •B

(CN) = 2.74 per rad (sample problem, paragraph C, Section 7.3.1.1)

7.3.4.1-5



(CNa)B 2(CN )B V" (equation 7.2.2.1-a)

= 2(2.74) (0.849)

= 4.653 per rad (based on Sb2B)

Solution:

C (N &)IB [KW(D) + KB ) + (CN)
/(W Ts/ /\T/

(equation 7.3.4,1-a)

= (1.125 + 0.181) (0.7113) (0.845) (-4.25) + (4.653) (0.0963) (6.363)

= -3.336 + 2.851

= --0.485 per rad (based on the area and mean aerodynamic chord of the total
panel)

REFERENCES

1. Pitt$, W., Nielsen, J., and Kaattari, G.: Lift and Center of Pressure of Wing.Body-Tail Combinations at Subsonic, Trarnsonic,
end Supersonic Speeds. NACA TR 1307, 1959. (U)

2. Spreiter, J.: The Aerodynamic Forces on Slender Plane-and Cruciform-Wing and Body Combinations. NACA TR 962,
1950. (U)

3. Walker, H., and Wolowicz, C.: Theoretical Stability Derivatives for the X-15 Research Airplane at Supersoni(. and
Hypersonic Speeds Including a Comparison with Wind-Tunnel Reslits. NASA TM X-287, 1960. (U)
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7.3.4.2 WING-BODY ACCELERATION DERIVATIVE C,..

The information contained in this section is for estimating the acceleration derivative Cm& of
S ,wing-body configurations at low angles of attack.

The Datcom methods are based on the same assumption that was made in regard !0 the
acceleration derivative CL& of a wing-body configuration, and the general discussion of Section
7.3.4.1 is directly applicable here.

A. SUBSONIC

Two methods are presented for determining the accelerattivn derivative Ca& of a wing-body
configuration, differing only in their treatment of the mutual interference effects.

DATCOM METHODS

Method 1

For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the acceleration derivative
Cm&, based on the area and the square of the mean aerodynamic chord of the total pan',1 and
referred to a moment center at the assumed center of gravity, is given by

(Cmi)W [Kw(B) + K ) -/I C (Ci&) + (C/) ) 7.3.4.2-a

where

(Cm,&)•. is the contribution of the exposed panel to the acceleration derivative Cm&,
obtained from Section 7.1.4.2. (See Section 4.3.1.2 for the definition of exposed
surfaces.)

(Cm &)B is the contribution of the body to the acceleration derivative Cm,& obtained from
Section 7.2.2.2.

The remaining terms are defined in paragraph A of Section 7.3.1.1. Moment transfer calculations
are included as an integral part of the wing- and body-derivative estimation methods of Sections
7.1.4.2 and 7.2.2.2, respectively.

Method 2

For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the acceleration derivative
Cm6, based on the area and the square of the mean aerodynamic chord of the total panel and
referred to a moment center at the assumed center of gravity, is given by

(m (C &)+w(Cm &) (S) ( ) 7.3.4.2-b

- - 7.3.4.2-1



where (Cm&)w is the coniribution of the total panel to the acceleration derivative Cm,, and the

remaining terms ate defined in paragraph A of Section 7.3.1.1 and method I above. Moment
transfer calculations are included as an integral part of the wing- and body-derivative estimation ,.
methods of Sections 7.1.4.2 and 7.2.2.2, respectively.

'1

Sample Problem

Method I

Given: Same configuration as sample problems of paragraph A, Sections 7.3.1.1, 7.3.1.2, and
7.3.4.1. Some of the characteristics are repeated below.

The following ratios based on total panel dimensions,

.sc / 2 c.
.0.7113/ 0.7140 1.50

Sb R)
- = 0.0963 = 40.49

Additional Characteristics:

dJ

m M - 0.60 A, 5.0 -- 0.157 Ra 77.20 ft
b

0.80 xM = 43.70 ft (moment center at ý/4 of total panel)

Compute:

Step I. Acceleration derivative Cm. for exposed panel (Section 7.1.4.2)

X•. 0

*= 0.560

.(xc.• (sample problem, pararaph A, Section 7.3.1.!)

= 0.408

(C.) 4.50 per rad

*7.3.4.2-2



(jgi)c X7e~7 (0.408) (1.50) 0.612

(L6~) =-1.374 p(, rad (sample problem, paragraph A, Section 7.3.4.1)

I3Ae =4.0

gA2C
=0.0767 per rad (figure 7.1.4.2-8)

Cm0 (g) =0.941 p'er rad

27 /a\
(Cm I)p - (CL) 3C 0 g (equation 7.1 .4.2-b)

27
-- (0.560)2 (4.50) + 3(0.941)

= -2.381 + 2.823

=0.442 per rad

(Cm. = C~ (C+ (equation 7.1.4.2-a)

0.442 + (0.612) (-1.374)

-0.399 per rad (based on S' E 2)

Step 2. Wing-body interference factors (Section 4.3.1.2)

Kw) 1,125

(sample problem, paragraph A, Section 7.3. 1. 1)
KBw 0.215

7.3.4.2-3



Step 3. Accel1eration derivative Cm for body (Section 7.2.2.2)

=0.849

Sb B

(I -B 0.434 (sample problem, paragraph A, Section 7.3.11.2)

=C 44.48 ft

SC11) 0.794 per rad

VB c m

Sb B B
(Cm 2(Cm)B (-x) (equation 7.2.2.2-a)

AI

108944.48 - 43.70\

=2(0.794) .L 720 ]

-0.415 1

=-0.0328 per rad (based on Sb B 2 )

Solution:

(cm.) [KW(B)+KBwI(m)+( )()( \

(equation 7.3.4.2-a)

=(1. 125 + 0.215) (0.7113) (0.7140) (-0.399) + (-0.0328) (0.0963) (40.49)

=-0.272 - 0.128

7.3.4.2-4
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- -0.400 per rad (based on the area and the square of the mean aerodynamic
chord of the total panel and referred to a moment center at Z/4
of the total panel)

B. TRANSONIC

The comments of paragraph B of Section 7.3.4.1 are directly applicable here.

DATCOM METHODS

It is recommended that the methods presented in paragraph A for estimating the acceleration
derivative Cm& of a wing-body configuration be applied to the transonic speed regime. Care
should be taken to estimate the contributions of the lifting panel and body at the appropriate
Mach number. The interference factors should be obtained from paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The comments of paragraph C of Section 7.3.4.1 are directly applicable here.

DATCOM METHODS

The methods presented in paragraph A for estimating the acceleration derivative Cm& of a

wing-body configuration are also applicable to the supersonic speed range. Care should be taken
to estimate the contributions of the lifting panel and body at the appropriate Mach number.

Sample Problem

Method 1

Given: Same configuration as sample problems of paragraph C, Sections 7.3.1.1, 7.3.1.2, and
7.3.4. 1, and paragraph A of this section

r, M 1.4 (3 0.98 d 0.157
b

"Compute:

Step 1. Acceleration derivative Cm . for exposed panel (Section 7.1.4.2)

(3 cot ALE = 1.225 (supersonic leading edge)

cot 1 (j3 cot ALE) 39.230 (saniple problem, paragraph C,
4Section 7.3.1.1)

.. PAO 4.90

7.3.4.2-5



Ix .
(----) =0.612 (sample problem, paragraph A)

(CN.) = -4.25 per rad (sample problem, paragraph C, Section 7.3.4.1)

ýrc fnC 1, e= 9.05 (figure 7 .1.4 .2 -13a)

(Cm~e)1 = 9.235 per rad

Fl[(Cm.)] = -4.52 (figure 7.1.4.2-13c)

[(C ) -4.612 per rad

/M2\ M(" = )(C)] + + 1) [Cm&)] (equation C .4.2-e)

/1.4\ (1.42
-09 (9.235) + 0-98 + 1 (-4.612)~0.98 I 0.982

= 18.85 - 14.03

= 4.82 per rad

(Cm) (Cm.') \-(-!. (CL.) (equation 7.1.4.2-a)

4.82 + (0.612) (-4.25) (CN. is assumed to be equal to CLa)

2.219 per rad (based on Se• 2)
44

Step 2. Wing-body interference factors (Section 4.3.1.2)

Kw(D) = 1.125 ]

(sample problem, paragraph C, Section 7.3.!.1)

KB(w) = 0.181

7.3.4.2-6
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Step 3. Acceleration derivative Cm. for body (Section 7.2.2.2)

- = 0.849

sb2

- = 0.434 (sample problem, paragraph A, Section 7.3.1.2)

"xc= 44.48 ft

( Cm ) = 1.017 per rad (sample problem, paragraph C, Section 7.3.1.2)

VB (Cx x~n

(Cm.j) = 2(Cm,) SA /R (equation 7.2.2.2-a)

' ~x 
VB

[0.89, 44.48 -43.70)1
2(.07)(0.849) - 77.'20 '

= 2(1.017) 0.434 - 0.849

r(0.849) (0.0101)
2.034 -0.415

= -0.0420 per rad (based on Sb s 2)

"Solution:

(Cm ),. = IKW,, , + K ,, S (C )j . + (C m. ) a

(equation 7.3.4.2,a)

= (1.125 + 0.181) (0.7113) (0.7140) (2.219) + (-0.0420) (0.0963) (40.49)

= 1.472 - 0.164

= 1.308 per Tad (based on the area and the square of the mean aerodynamic
chord of the total panel and referred to a moment center at Z/4
of the total panel)
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7.4 WING-BODY-TAIL DYNAMIC DERIVATIVES

7.4.1 WING-BODY-TAIL PITCHING DERIVATIVES

7.4.1.1 WING-BODY-TAIL PITCHING DERIVATIVE CLq

The information contained in this section is for estimating the nondimensional pitching derivative
CLq of wing-body-tail combinations at low angles of attack. This derivative represents the lift
due to pitching velocity at a constant angle of attack and is defined as

_ aCL
CLLCL q 2-•E

In general, the methods presented consist of a synthesis of material presented in other sections,
although some new information is presented.

The derivative is presented in a manner similar to that used in reference I to calculate the lift of
a wing-body-tail combination. The complete derivative is the sum of contributions of individual
components, treated as isolated surfaces or bodies, and mutual interference effects. The mutual
interference effects are assumed to correspond to those due to angle-of-attack variations,
established in references 1 and 2 and presented in Section 4.3.1.2.

The horizontal-tail contribution to the derivative CLq is based on the assumption that
instantaneous forces on the tail correspond to the instantaneous angle of attack. This assumption
is also the basis used in estimating the horizontal-tail contribution to the derivative Cmq in
Section 7.4.1.2. The effect of this assumption is presented in numerous aerodynamic texts, for
example, reference 3. The effects of CLq are generally small and frequently neglected in dynamic
analyses.

A. SUBSONIC

Two methods are presented for determining the pitching derivative CLq of wing-body-tail
combinations, differing only in their treatment of the effect of the flow field of the forward
surface on the aft surface.

DATCOM METHODS

Method 1. (b'/b" > 1.5)

For configurations in which the span of .the forward surface is large compared to that of the aft
surface, the following approach can be used. This mhethod is to be used when the ratio of the
forward-panel span to the aft-panel span is 1.5 or greater. The equation of the nondimensional
pitching derivative CLq of a wing-body-tail configuration, based on the area and mean
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aerodynamic chord of the total forward panel and referred to a moment center at the assumed

center of gravity or center of rotation, is given by

KwB) + K (CL 7.4.1. -a

where the primed quantities refer to the forward panel, the double-primed quantities refer to the
aft panel, and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition
of exposed surfaces.)

(CLq)WB is the contribution of the wing-body configuration to the pitching
derivative CL., obtained from Section 7.3.1.1.

[Kw(B) + KB(w)]" is the appropriate wing-body interference factor obtained from
Section 4.3.1.2 for the aft panel.

(CLoe" is the lift-curve slope of the exposed aft panel, obtained from Section
4.1.3.2.

is the ratio of the exposed aft panel planform area to the total
SI

pianform area of the forward panel.

xc.:.- x" is the distance parallel to the longitudinal axis between the moment
reference center (usually the vehicle center of gravity) and the
quarter-chord point of the mean aerodynamic chord of the total aft
horizontal panel.

This parameter is approximated in Section 4.5.2.1 as x-x" - " C
(equation 4.5.2.1-e) where xc4 and 2" are defined in figures 4.5.2.1-7a
and -7b.

q"

q is the average dynamic-pressure ratio acting on the aft surface,
qoo obtained from Section 4.4.1.

Method 2. (b'/b" < 1.5)

For configurations in which the span of the forward surface is approximately equal to or less
than that of the aft surface, the vortex shed from the forward surface interacts directly with the
aft surface and the resulting interference effects must be accounted for in the tail terms. This
method is to be used when the ratio of the forward-panel span to the aft-panel span is less than
1.5. The equation for the nondimensional pitching derivative CLq of a wing-body-tail configura-
tion, based on the area and mean aerodynamic chord of the total forward panel and referred to
a moment center at the assumed center of gravity or center of rotation, is given by
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x -x Se°q"
CL q = (CLq) + 2. (Le.-. {[Kw(B) + KBLe)] ( ( ') )e + (CLO))W"(v)

7 .4.1. I-b

The parameters in the first two terms on the right-hand side are the same as those in equation
7.4.1.1-a. The last term represents the effect of the forward-panel vortices on the aft panel and is
given by

(CLC()w(.(L) L L ( ) 'W'(W") =22- .2 ) 7.4.1.1-c

where

d' and d" are the body diameters at the midchord points of the MAC of the forward and
aft surfaces, respectively.

b"# is the span of the total aft panel.

(-!2!- ) is obtained from figure 4.4.1 -71 as a function of forward-panel geometry.

"lvWW(W") is the vrtex interference factor, obtained from Section 4.4.1.

Ae" is the aspect ratio of the exposed aft panel.

(CL4Ce is the lift-curve slope of the exposed forward panel, obtained from Section
4.1.3.2 (per radian).

-(Cte)e°' is the lift-curve slope of the exposed aft panel, obtained from Section 4.1.3.2
(per radian).

The remaining terms are defined in method 1 above.

The quantities (CL.)e' and (CLje" in the last term of equation 7.4.1.1-b must be expressed in
radians. If the result of this term is desired per degree, the conversion must be applied after the
term is evaluated.

Because of the similarity of the two methods a sample problem of method 2 is not included.
However, evaluation of the term (CLa)w"(v) for a wing-body-tail configuration is presented in
Section 4.5.1.1.
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Sample Problem

Method I

Given: An ogive-cylinder-body--triangular-wing and triangular-tail configuration. The wing-body
configuration is the same as that of the sample problem of Sections 7.3.1 and 7.3.4. Many
of the characteristics are repeated below.

PAAt

L E.

rDT

ce~~

b

EXPOSED
PANELS

Although a tail has been added to the wing-body configuration of Sections 7.3.1 and 7.3.4, for
the sake of simplicity the vehicle center of gravity is taken at *'/4. Therefore, x.g - x" = 2",

the longitudinal distance from the quarter-chord point of the MAC of the forward surface to the
quarter-chord point of the MAC of the aft surface.

S 7.4.1.14



* Wing Characteristics:

Total Panel Exposed Panel

A' =5.0 A' =0 Ae' =5.0 Xe' =0

A =E = 38.670 1" = 0 be' = 38.37 ft Se' = 294.50sqft

i= 0 cr = 18.20 ft Cr'= 15.375 ft

b' = 45.50 ft Z' = 12.133 ft de' = 10.25 ft

'S' = 414.0sqft

NACA 66-206 airfoil section

Horizontal-Tail Characteristics:

Total Panel Exposed Panel

A" =4.0 X" = 0 A," =4.0 Xe =0

A"LE = 450 r" = 0 be" = 12.788 ft Se" = 40.90 sq ft

i"= 0 c," = 9.958 ft A,= 26.560 = 6.394 ft

b"= 19.915 ft V" = 6.638 ft e" 4.263 ft

S" = 99.16 sq ft

NACA 66-206 airfoil section

Body Characteristics:

RN = 25.0 ft B = 77.20 ft d = 7.127 ft

The following ratios based on total forward-panel dimensions:

R, , Se"
"- 2.26 - 0.0988

71 S4
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Additional Characteristics:

hH 7.18 ft d" -2.794 R 5.16 x 107 (based on

4..'

k" 27.425 ft M 0.60 Sea level

x 18.32 ft* (3 0.80 Smooth surfaces

Swet
. a' =40 -- 2

Sref

Compute:

Step 1. Wing-body CL (Section 7.3.1.1)Lq

(CLq)w -=Kw(B) + KB(W)Ii\'•' j-C Lq)€' +(CLq)B
JWH 

"+ 
K ()ý e)(Cq s -

(equation 7.3.1 .1-a)

-'\ ] 4.467 per rad (sample problem, paragraph A, Section 7.3.1.1) ,,\~q)WB

Step 2. Lift-curve slope for the exposed horizontal tail panel (Section 4.1.3.2)

6.19 per rad (table 4.1.1-B)

CRa

S-2= 0.985

",+,A,"[lA".1/ 4.0 1/
- 2 + tan2 A" 112 4 [0.64 + 0.25 3.83
X.mL tan" 2  0.985

"A" = 1.00 (figure 4.1.3.2-49)
A

~CL.). 4.00 per rad
I.I

*x is the longitudinal distance measred from the wing root trailing edge aft. For this problem it is taken equal to k2 defined in
Section 4.4.1.

7.4.1.1-6
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Step 3. Tail-body interference factors (Section 4.3.1.2)

d° 7.127d 7.12 = 0.358
b 19.915

KW(.)" - 1.315

(fgure 4.3.1.2-10)
Kg(w)" - 0.550

Step 4. Dynamic pressure ratio (Section 4.4.1)

"Obtain value at a' - 40

CL' - 0.391 (sample problem, paragraph A, Section 7.4.4.1)

1.62 CL
e = A (equation 4.4.1-k)

1.62 (0.391)
5T

= 2.3°

-= tan -t = tan-4  - 21.40 (mee sketch (d), ction 4.4.1)
x ~ 18.32i

+yee-a'= 21.4+2.3-4 a 19.70

z - x tan (- + e - a') (equation 4.4.1 -)

- 18.32 (0.3581) - 6.56

Cf = 0.00236 (figure 4.1.5.1-26)

CDo = Cf 1 + L(L) + 100 ( ) RE3 L (equation 4.1.5.14)

"L+ ) + 10 )] = 1.072 (figure 4.1.5.1-2 ka)

cos A(t/€C). = cosA.4S. = cos 23.76* = 0.915

.RI-' = 1.14 (figure 4.1.5.1-28b)
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CD =(0.00236) (1.072) (1.14) (2) =0.00577

/Aq 2.42 (CD )/2

(Do) (equation 4.4. 1-rn)
+ 0.30

2.42 (0.00577)1/2 . 0
1.51 + 0.30

0.68 (5- + 0.715ý (equation 4.4.1-j)UD =

=0.68 ý0.00577 (1.51 + 0.15) =0.0666

*z = /Z 6.56/12.133 =81

zw zw /Z 0.0666

=(-.COS2 (equation 4.4.1-n)
q ~q,

I,=(0. 10291) C2[(.4 (8.12) (57.3)

=(0.102) (0.9834)2

* 0-.099

-= 1 - -L. (equation 4.4.1-o)
q. q

=1 -0.099 =0.901

Solutionl:

CLq (CL)~ + 2 [KW(B) + KDW]()( . x).i(L F(equation 7.4.1.1 -a)

q~~ JW J)J



= 4.467 + 2(1.315 + 0.550) (0.0988) (2.26) (0.901) (4.00)

"4.467 + 3.002

= 7.47 per rad (based on the area and mean aerodynamic chord of the total panel and

"referred to a moment center at F'/4)

B. TRANSONIC

- * No accurate methods are available for estimating the characteristics of isolated panels or the
dynamic-pressure ratio in the transonic speed regime. The aerodynamic interference "KI" factors

for slender configurations are relatively insensitive to Mach number; however, for nonslender
configurations transonic interference effects can become quite large and sensitive to minor
changes in local contour.

DATCOM METHODS

It is recommended that the methods presented in paragraph A above be applied directly to the
transonic speed regime. Care should be taken to estimate the various parameters of equations
7.4.1.1-a and -b at the appropriate Mach number. The interference "K" factors should be
obtained from paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The information included in the Datcom accounts for most of the mutual interferences that
occur between components of wing-body-tail configurations at supersonic speeds.

DATCOM METHODS

The methods presented in paragraph A above are also applicable to the supersonic speed range.
Care should be taken to estimate the various parameters of equations 7.4.1.1-a and -b at the
appropriate Mach number. Method 3 of paragraph C of Section 4.4.1 should be used to evaluate
the last term of equation 7.4.1.1-b.

Sample Problem

Method 1

"Given: Same configuration as sample problem of paragraph A. Some of the characteristics are
repeated below.

The following ratios based on total forward-panel dimensions:

= 2.26£, So."

=2.26- 0.0988
4. S'
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Additional Characteristics:

M = 1.40 c•' = 40 Sea level

0.98 A" = 450 1.2 x 108 (based on C)

16 "
A' = 5.0 K - (page 4.1.5.1-1.6) Smooth surfaces3

cg at Z'/4

Compute: 2

Step 1. Wing-body C (Section 7.3.1.1)CLq

(cL 9 )WB = KW(B) + KB~) (w '('(~~'+(~)

(equation 7.3.1 .1 -a)

(C) = 3.977 per rad (sample problem, paragraph C, Section 7.3.1.1)

Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2)

___- =0.98
tan ALE

SA"tan A"E 4.0

A'tan A LE 4.025 (figure 4.1.3.2-56a)

'0

C )e" 4.025 per rad

Stp 3. Tail-body interference factors (Section 4.3.1.2)

d"

0.358 (sample problem, paragraph A)b"

""W(B)" 1.31' (figure 4.3.1.2-10)

O3d" 0.98 (7.127)
- -- 1.092

Cr 6.394
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cot A"E = 0.98

KB(W)" N)" (" + I) -- 1 = 2.85 (figure 4.3.1.2-11a)

+ 1) 0.98(4.025) (1) (1.794) =7.076

2.85
KB(w) 7.076 = 0.4028

Step 4. Dynamic pressure ratio (Section 4.4.1)

Obtain at a' = 40 Viscous flow field

a0 ' = -1.60 (table 4.1.1-B)

CN 0.07-12 per deg (sample problem, paragraph C, Section 7.3.1.1)

CN (o'- a') = 0.071214 - (-1.6)1 = 0.399

Cf = 0.0018 (figure 4.1.5.1-26)

Swc
C C -wet

CD Cf f (equation 4.1.5.1-i)f S~e

= (0.0018) (2) = 0.0036

j cot ALE (0.98) (1.25) = 1.225 (supersonic leading edge)
bw

K f2  \
CD - - -) (equation 4.1.5.1-k)

16- (0.06)2 (1); 3(0.98)

- 0.0196

C =C + C (equation 4.1.5. 1-h)
D 0  D f D W

" 0.0036 + 0.0196 = 0.0232
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2.42 (co0)1/2

(equation 4.4.1-m)

0.30
C

2.42(0.0232)1/2= = 0.204
N 1.51 + 0.30

Wz-

=0.68 [CDO (X +0.15) (equation 4.4.1 -j)

0.68 v/(0.0232) (1.51 + 0.15)

0.1334

1.62 CN
e A (equation 4.4.1-k)iTA'

(1.62) (0.399)
51r (57.3)

= 2.360

y =21.40 (sample problem, paragraph A)

y,+e-a' = 21.4+2.36-4 = 19.76'

z = x tan (-' + e - a') (equation 4.4.1-9)

= 18.32(0.3592) = 6.581

z z/ 6.581/12.133- - = 4.07
z z/c" 0.1334

w w

- ( ) co522z (equation 4.4.1-n)q q k-/ 2Zw)

= (0.204) cos2 3k.-4)(4.07) (57.3)

(0.204) (0.9943)2 = 0.20
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q A
1 - L- (equation 4.4.1-o)

- 1.0-0.20 = 0.80

Solution:

CLq =(CL)W + 21KW(B) + (W K !I"(~)(~ 5 -X).q C )
q, ,,(C_ Ne. -

(equation 7.4.1 .1-a)

= 3.977 + 2(1.315 + 0.4028) (0.0988) (2.26) (0.80) (4.025)

= 3.977 + 2.47

= 6.447 per rad (based on the area and mean aerodynamic chord of the total panel
and referred to a moment center at E°/4)

REFERENCES

1. Pitts, W., Neilsn. J., end Keattwai, G.: Lift and Center of Presure of Wing.Body-Tail Conbinations at Subsonic, Transonic,
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2. Sprciw. J.: The Aerodynamic Forces on Slander Plarne-end CruciformWing and Body Combinhtions, NACA TR 962,
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3. Et#in, 0.: Dynamics of Flight. John Wiley and Sons, Inc., New York, 1959. (U)
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7.4.1.2 WING-BODY-TML PITCHING DERIVATIVE Cmq

The information contained in this section is for estimating the nondimensional pitching derivative

Cm q of wing-body-tail combinations at low angles of attack. The derivative Cmq is the change in
pitching-moment coefficient with varying pitch velocity and is commonly referred to as the
pitch-damping derivative. It is expressed as

acm
C=m q -

This derivative is very important in longitudinal dynamics, since it represents a major portion of

the damping of the short-period mode for conventional aircraft.

The Datcom methods are based on the same assumptions that were made for the total pitching

derivative CLq of wing-body-tail combinations, and the general discussion of Section 7.4.1.1 is
directly applicable here.

A. SUBSONIC

Two methods are presented for determining the pitching derivative Cmq of wing-body-tail

combinations, differing only in their treatment of the effect of the flow field of the forward

surface on the aft surface.

DATCOM METHODS

Method 1. (b'/b" > 1.5)

For configurations in which the span of the forward surface is large compared to that of the aft

surface, the following approach can be used. This method is to be used when the ratio of the

forward-panel span to the aft-panel span is 1.5 or greater. The equation for the nondimensional
pitching derivative Cmq of a wing-body-tail configuration, based on the area and the square of

the mean aerodynamic chord of the total forward panel and referred to a moment center at the
assumed center of gravity or center of rotation, is given by

Cmq=( q)~- 2 1KwB KwJ L(xu q") ) ( C)( L~ 7.4.1.2-aM q + (W S'c )e

where the primed quantities refer to the forward panel, the double-primed quantities refer to the

aft panel, and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition

of exposed surfaces.)
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(Cmq)WB is the contribution of the wing-body configuration to the pitching derivative
Cmq, obtained from Section 7.3.1.2.

The remaining terms are defined in paragraph A of Section 7.4. 1. 1.

Method 2. (b'/b" < 1.5) 7 1

For configurations in which the span of the forward surface is approximately equal to or less
than that of the aft surface, the vortex shed from the forward surface interacts directly with the

aft surface, and the resulting interference effects must be accounted for in the tail terms. This

method is to be used when the ratio of the forward-panel span to the aft-panel span is less than

1.5. The equation for the nondimensional pitching derivative Cm q of a wing-body-tail configura-
tion, based on the area and the square of the mean aerodynamic chord of the total forward
panel and referred to a moment center at the assumed center of gravity or center of rotation, is
given by

Cm- =m (Cmq) w [Kw(B) KB(w)] (CL. + (CL)"

7.4.1.2-b

All the above terms are defined in paragraph A of Section 7.4.1.1 and method 1 above.

Because of the similarity of the two methods, a sample problem for method 2 is not included.
However, evaluation of the term (CLa)w"(U ) for a wing-body-tail configiiration is presented in

Section 4.5.1.1.

Sample Problem

Method 1

"Given: Same configuration as sample problem of paragraph A, Section 7.4.1.1. Some of the

"characteristics are repeated below.

The following ratios based on total forward panel dimensions:

2 " S'"

S• -~. =2.26 f 0.0988•. , C S'

Additional Characteristics:
I"I

M = 0.60 = 0.80 a' 40 cg at '/4
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Compute:

Step 1. Wing-body Cm (Section 7.3.1.2)
q

S(C) =-4.021 per rad (sample problem, paragraph A, Section 7.3.1.2)

Step 2. Lift-curve slope for the exposed horizontal tail (Section 4.1.3.2)

(CL)" = 4.0 per rad (sample problem, paragraph A, Section 7.4.1.!)

Step 3. Tail-body interference factors (Section 4.3.1.2)

Kw(B)" 1.315
(sample problem, paragraph A, Section 7.4.1.1)

LKW)" K 0.550

1  -Step 4. Dynamic pressure ratio (Section 4.4.1)

q 0.90) (sample problem, paragraph A, Section 7.4..1.1)q.

Solution:

Cmq (M q)WB 2fW B M BWJ S)x 5

(equation 7.4.1.2-a)

- -4.021 - 2(1.315 + 0.550) (0.0988) (2.26)2 (0.901) (4.0)

- -4.021 - 6.78
ri

" -10.80 per rad (based on the area and the square of the mean aerodynamic
chord of the total forward panel and referred to a moment center
ata '/4)

4 .B. TRANSONIC

The comments of paragraph B of Section 7.4.1.1 are directly applicable here.

7.4.1.2-3
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DATCOM METHODS

It is recommended that the methods presented in paragraph A above be applied to the transonic
speed regime. Care should be taken to estimate the parameters of equations 7.4.1.2-a and -b at
the appropriate Mach number. The interference "K" factors should be obtained from
paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The comments of paragraph C of Section 7.4.1.1 are directly applicable here.

DATCOM METHODS

The methods presented in paragraph A above are also applicable to the supersonic speed range.
Care should be taken to estimate the parameters of equations 7.4.1.2-a and -b at the appropriate
Mach number. Method 3 of paragraph C of S,:ction 4.4.1 should be used to evaluate the last term
of equation 7.4.1.2-b.

Sample Problem

Method 1

Given: Same configuration as sample problem of paragraph C Section 7 paragraph A "
of this section. Some of the characteristics are repeated below.

The following ratios based on total forward panel dimensions:

S'°T
' =0.0988 - = 2.26

S' c'

Additional Characteristics:

M = 1.40 = 0.98 = 40 cg at ý'/4

Compute:

Step 1. Wing-body C1n (Section 7.3.1.2)
q

Cm q) wB = -4.961 per rad (sample problem, paragraph C, Section 7.3.1.2)

Step 2. Lift-curve slope for the exposed horizontal tail (Section 4.1.3.2)

(CN)' 4.025 per rad (sample problem, paragraph C, Section 7.4.1.1)
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Step 3. Tail-body interference factors (Section 4.3.1.2)

Kw(B)" = 1.315

• (sample problem, paragraph C, Section 7.4.1.1)
.KBW)= 0.4028

"Step 4. Dynamic pressure ratio (Section 4.4.1)

= 0.80 (sample problem, paragraph C. Section 7.4.1.1)

ItSolution:

Cm Cq~ 2[KW(B) + KW(B)IJ-(t xJ •(N.

(equation 7.4.1.2-a)

= -4.961 - 2(1.315 + 0.4028) (0.0988) (2.26)2 (0.80) (4.025)

= -4.961 - 5.583

= -10.54 per rad (based on the area and the square of the mean aerodynamic
chord of the total forward panel and referred to a moment center
at Z/4)

A.
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7.4.1.3 WING-BODY-TAIL PITCHING DERIVATIVE CD
q

This section presents a method for estimating the wing-body-tail derivative CDq at subsonic speeds.
"This derivative is the change in the drag coefficient due to a change in pitching velocity at a
constant angle of attack and is defined as

ac
-• aCD

CDq ,where CD sed on S.

In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is
usually neglected.

A. SUBSONIC

The wing-body-tail derivative is obtained by adding the horizontal-tail contribution to the
wing-alone contribution developed in Section 7.1.1.3. The body contribution is negligible and has
been neglected. The horlzontal-tail contribution to CDq was computed from the tail-damping angle
"of attack and also from wing-induced downwash at the tail due to pitch rate. The horizontal-tail lift
was taken to act normal to the local flow direction at the tail to produce a force component in the
direction of the free-stream flow.

"DATCOM METHOD

The wing-body-tail derivative CD is given by
q

aCD

CDq =CDq 
Dq

where

CD is the wing contribution from Section 7.1.1.3-a

~C ) is the horizontal-tail contribution due to zero-angle-of-attack loading given byDqoH

= L - SH\[S 2 (QH COS aF +zH Z nF 2 Eq q

C q0\H /H H3 w zH si

4 + - (per degree) 7.4.1.3 -b
..... \lf1/\c
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where

CL is the horizontal-tail lift-curve slope (based on SH) obtained from
test data or Section 4.1.3.2 (per degree).

iH is the incidence of the horizontal tail with respect to the fuselage
reference line in degrees.

SH is the horizontal-tail reference area.

Sw is the wing reference area.

ae
Eq is the variation in downwash with respect to pitch rate, eq

(at ý/4 of the horizontal tail). Design charts are presented in Figures
7.4.1.3 -4a through -4x for Mach numbers of 0.2 and 0.8. These
charts are presented as a function of wing geometry and the spanwise
location of the horizontal-tail MAC relative to the wing span.

QH is the distance from the moment reference center to the centet-of-
pressure location of the horizontal stabilizer, measured parallel to the
body center line. For Datcom purposes, the horizontal-tail center-of-
pressure location is assumed to be at 7H /4,

ZH is the distance from the moment reference center to the center-of-
pressure location of the vertical stabilizer, measured normal to the
body center line, positive for the stabilizer above the body.

U iis the fuselage angle of attack.

c is the wing MAC.

6 is the downwash of the wing at E/4 of the horizontal tail, excluding
the contribution due to pitch rate. This may be obtained from test
data or from Section 4.4.1.

ac
D

is the change in horizontal-tail contribution with angle of attack, obtained by

aCD S 2(HF]

aOtF CL Swc57.3 7.4.1.3-c

where all the terms are defined above.
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Sample Problem

Given: Same configuration as sample problem of Paragraph A of Section 7.1.1.3.

Tail Characteristics:

CL 0.08 per deg SW
aH ~H I ideg -=03

RK~£1 60.0Oft ZH=8.0Oft e 1.6 deg

L~ U! .=0.19

Compute:

Eq =-0.02 (interpolated using Figures 7.4.1 .3-4p, -4q, and -4r)

8Cu4q (R2 ,2 cosa c +Z1 sin aF)

aM S 573 ](Equation 7.4. 1.3-c)

4008 C2[(60.0) (0.99985) + (8.0) (0.01 745)I

-. - = 91. [-0.02--- 25.0 '
0.0549perdeg2

.a4

:2~~ L (Sapl Problemn PargrphA1ecio371..3

57. 7.4..3-

-0029prKg

Solution:__ *~



CD C ++ (X (Equ~ation 7.4.1.3 -a)-

=0.00272 + 0.00549 -(0.00249) (1.0)

0.0O057 2per ceg

B. TRANSONIC

No method is presented.

* .~ C. SUPERSONIC

No method is presented.

M=.
N= 0

A LE 0
2.0-------------------------

1.6-

Elq

01

b/2

FIGURE 7.4.1.3-4 VARIATION IN DOWNWASH WITH JPITCH RATE
7.4.1.3-4
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7.4.2 WING-BODY-TAIL ROLLING DERIVATIVES

7.4.2.1 WING-BODY-TAIL ROLLING DERIVATIVE CyS

This section presents methods for esti~nating the nondimensional rolling derivative Cyp of

wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available for estimating the wing-oody-tail rolling derivative Cy p. The
derivative Cy is the change in side-force coefficient with change in wing-tip helix angle and is
expressed as

Cyp =

In general, the Datcom methods consist of a synthesis of material presented in Sections 7.1.2.1 and
7.3.2.1, and the vertical-tail contribution based on the methods of reference I.

The derivative Cy p arises mainly from the wing and vertical tail. At high angles of attack the
vertical-tail contribution predominates. The resultant side force on the vertical tail is generated
when the aircraft has a rolling velocity p about its longitudinal body axis and the vertical tail is
located either above or below the longitudinal axis. Generally Cy is of little importance inplateral dynamics, hence is frequently neglected.

The side force at the vertical tail is created by the effective angle of attack due to the rolling
velocity p and the sidewash generated from the wing and fuselage. The sidewash at the vertical
tail can significantly alter the tail contribution. This effect is discussed more fully in reference 2.
Studies have indicated that the effect of the sidewash varies considerably with tail size, location,
and to some extent with wing planform.

A. SUBSONIC

Two methods are presented for determining the rolling derivativ'e Cy p of the wing-body-tail
combination,. differing only in their treatment of wing sidewash on the vertical tail. The first
method- is applicable to conventionally located vertical tails, and the second method applies to
tails located directly above, or above and slightly behind the wing. Both methods are based on
the assumption that the vertical-tail contribution to Cy , is zero at a = 0 and varies with angle of
attack.

For an, isolated-tail configuration the vertical-tail value of Cy is approximated by

7
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For a conventionally located vertical tail the effect of wing sidewash on the vertical tail has been
approximately accounted for by

\ - z
b //

For configurations with tails located directly above or slightly behind the wing, the effect of
wing sidewash has been approximated by using the average of the isolated-tail and conventional-
tail values.

DATCOM METHODS

Method I

For conventionally located vertical tails, the equation for the nondimensional rolling derivative

Cy of a wing-body configuration, based on the product of wing area and span Sw bw, is given
by

CY P (r)w + 2 [brl ( WBH) (per radian) 7.4.2. 1-a
y P ( C Y ) W + bA y #) W H

where

(tVp )WB is the wing-body contribution to Cy obtained from test data or
Section 7.3.2.1 and based on the product of wing area and span (per
radian),

bw is the wing span.

is the distance from the moment reference center to the center-of-
pressure location of the vertical stabilizer, measured normal to the body

center line, positive for the stabilizer above the body. For Datcom
purposes, the vertical-tail center-of-pressure location is assumed to be
the quarter-chord point of the MAC of the total added panel.

Rp is the distance from the moment reference center to the center-of-
pressure location of the vertical stabilizer, measured parallel to the body
center line. For Datcom purposes, the vertical-tail center-of-pressure
location is assumed to be the quarter-chord point of the MAC of the
total added panel.

z is the vertical distance of the vertical-tail center-of-pressure location
above or below the moment-reference-center location. This value must
be calculated for each angle of attack (see sketch (a)). From sketch (a),
z may be expressed as

z zP Cos a - VP sin ct 7.4.2. 1-b
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('acy O)V(WBH) is the tail-body sideslip derivative from test data or Section 5.3.1.1,based on the wing area (per radian). This derivative should include the

end-plate effects of the horizontal tail.

f P VERTICAL-TAIL
CENTER.OF-PRESSURE
LOCATION

SKETCH (a)

Method 2

For vertical tails located either directly above, Cr above and slightly behind the wing, the
equation for the nondimensional rolling derivative Cyp of a wing-body-tail configuration, based
on the product of wing area and span SW bw, is given by

CYp -- (Cp)wB + I Cy')W"H) (per radian) 7.4.2.1-c

where the components are described in method I above.

Sample Problem

Method I a.. OF
HORIZONTAL

Gi -n: Model of reference 3 TAIL

7.4.2.1-3



Wing Parameters:

Sw = 428.0 sq in. bw= 38.84 in. Aw 3.57

X = 0.565 Ac/ 4 = 36.2' zw = 0

Horizontal-Tail Parameters:

SH = 97.10 sq in. bH = 18.66 in. A 3.59

X= 0,50 -ZH = 6.60 in.

Vertical-Tail Parameters:

S 140,5 sq in. bV 12.68 in. Av : 1.15

X = 0.176 cv 11.0 in. Ac/ 2 =450

z = 5.0 in. RP 24.3 in. x - 7.25 in.

Additional Parameters:

.r.8.0' M 0.17 CYP) 0.52 per rad (test data)

2r, = 4.0 in. d = 7.5 in.

*.., Compute:

Calculate the tail-body sideslip derivative (zCy ) BH) from Section 5.3.1.1

. 1

bv 12.68
- - - =3.17

2r 1  4

AV (B)
A 1.29 (figure 5.3,1.1-22a)Av .

Z11 -6.60
- - 0.52

bV 12.68

x 7.25- -0.659•
11.0

7.4.2.1-4



Av (OiB)

AV = 0.90 (figure 5.3.1.1-22b)

SH 97.1
-= . • = 0.691

140.5

KH = 0.76 (figure 5.3 .1.1-22 c)

Aeff AV 1 + K1 [Y! 1( (equation 5.3.1.1-a)A • , tAv (B)

= (1.29) (1.15) 11 + 0.76 [0.90 - 1.01,

= (1.29) (1.15) (0.924)

= 1.37

1 = K (assumed)

A,,ff [2. a2 ]/ S+ A t2  = (1.37) 10.971 + 11 2 1/

= (1.37) (1.404)

= 1.923

CL

= 1.315 (figure 4.1.3.2-49)

CL = (1.315)(1.37)

1.80 per rad (based on Sv)

/ q, &,rISw 0.4 zSq 0.724 + .06 + + 3.06 0.009A (equation 5.4 .1-a)

= 0.724 + 3.06 (140.5)/(428.0) (0.4) 00.72 + .06+ + (0.009) (3.57)
1.807 7.5

= 0.724 + 0.556 + 0.0321

= 1.312

7.4.2.1-5



LI

k = 0.94 (figure 5.3.1.1-22d)

aa\ qV SV
\CI(WB) -k ( C - - (equation 5.3.1.1-b)

V (1i (C) q1 Si

140.5

= -(0.94) (1.80) (1.312) 48428.0

= -0.729 per rad (based on Sw)

Calculate the vertical distance z of the vertical-tail center-of-pressure location above or below
the moment-reference-center location

z = cos 0i - 2 sin a (equation 7.4.2.1-b)

= (5.0) (0.9903) - (24.3) (0.1392)

= 4.95 - 3.38

1.57 in.

Calculate the rolling derivative Cy for the wing-body-tail configuration
p

Cy (Cy + -2 -p [ C) (equation 7.4.2.1 -a)

0.52 + 2 38.84 (-0.729)

= 0.52 + (2) (---0.0883) (--0.729)

0.52 + 0.129

= 0.649 per rad (based on Swbiw)

This compares with a test value of 0.62 per radian from reference 3.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values Jf the rolling
derivative Cy-¢. Furthermore, only limited experimental data a,.' available for this derivative at
transonic speeds (see table 7-A).

7.4.2.1-6



L
C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the rolling
derivative Cy P. Furthermore, there is a scarcity of experimental data for this d ývative at
supersonic speeds.

For the purposes of the Datcom the fuselage effect is considered to be negligible for wing-body
"configurations with body diameters less than about 30 percent of the wing span. Therefore, for
configurations with d/b < 0.3, the wing-body rolling derivative Cy is estimated by the
wing-alone method of paragraph C of Section 7.1.2.1.

Methods are presented in reference 4 for evaluating the vertical-tail contribution to Cy v The
stability derivatives presented therein are derived by using supersonic linearized theory for
families of thin, isolated vertical tails performing steady rolling motions. Vertical-tail families
(half-delta and rectangular planforms) are considered over a broad Mach number range. Also
considered are vertical tails with arbitrary sweepback and taper ratio at Mach numbers for which
both the leading edge and trailing edge of the tail are supersonic, and triangular vertical tails with

a subsonic leading edge.and a supersonic trailing edge.

REFERENCES

1. Ca•npbell, J, P., and McKinney, M. 0.: Summary of Methods for Calculating Dynamic Lateral Stability and Response and

0-i for Estimating Lateral Stability Derivatives. NACA TR 1098, 1952. (U)

2. Michael, W. H. Jr.: Analysis of the Effects of Wing Interference on the Tail Contribution: to the Rolling Derivatives.
NACA TR 10M6, 1952. (U)

3. Queijo, M. J., and Wells, E. G.: Wind-Tunnel Investigation of the LowSpeed Static end Rotary Stability Derivatives of a
0.13-Scale Model of the Douglas 0-558-11 Airplane in the Landing Configuration. NACA RM L52G07, 1952. (U)

4. Margolis, K., and Bobbitt, P. J.: Theoretical Calculations of the Pressures, Forces, and Moments at Supersonic Speeds due

to Various Lateral Motions Acting on Thin Isolated Vertical Tails. NACA TR 1268, 1956. (U)
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7.4.2.2 WING-BODY-TAIL ROLLING DERIVATIVE C1p

This section presents methods for estimating the nondimensional rolling derivative C1p of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
"generalized methods are available for estimating the wing-body-tail rolling derivative ClP. The
derivative Cl p is the change in rolling-moment coefficient with change in wing-tip helix angle and
is commonly referred to as the roll-damping derivative. It is expressed as

a(~
I!' .]Clp- aCt

In general, the Datcom' methods consist of a synthesis of material presented in Sections 7.1.2.2 and
7.3.2.2, and the vertical-tail contribution based on the methods of reference 1.

The derivative Cr1 is important in lateral dynamics, since it determines the damping-in-roll
characteristics of the vehicle. The derivative is composed of contributions, negative in sign, from
the wing, the horizontal tail, and the vertical tail, with the main contribution coming from the
wing. The contribution from the vertical tail is usually negligible at low and moderate angles of

014 attack. However, the vertical-tail contribution can become significant at high angles of attack,
when the effective moment arm of the tail (z/bw) becomes a large negative value.

The rolling wing produces a sidewash at the vertical tail, which can significantly alter the
vertical-tail contribution. This effect is discussed more fully in reference 2. Studies have indicated
that the effect of the sidewash varies considerably with tail size, tail location, and to some extent
with wing planform.

Conventional horizontal-tail effects on Clp are usually small and oftern neglected, although
unusually large horizontal tails can contribute significantly (see references 1 and 3). The
horizontal-tail contribution is obtained by using the horizontal-tail geometry and the method of
Section 7.1.2.2. The value from Section 7.1.2.2 is then multiplied by a constant, which accounts
for the flow rotation produced by the wing, and by the appropriate geometrical parameters to
refer the result to the proper reference base.

r , tA. SUBSONIC

Two methods are presented for determining the rolling derivative Clp of the wing-body-tail
combination, differing only in their treatment of wing sidewash on the vertical tail. The first
method is applicable to conventionally located vertical tails, and the second method applies to
tails located directly above, or above and slightly behind the wing. Both methods are based on
the assumption that the vertical-tail contribution to Cl p is zero at a = 0 and varies with angle of
attack.

7.4.2.2-1
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For an isolated-tail configufation the vertical-tail value of CIP is approximated by
2

ciP)~ v= 2( _~ (ACY () H

For a conventionally located vertical tail the effect of wing sidewash on the vertical tail has been

approximately accounted for by

(Cit)V = 2 b2 (ACY ) V(WBH)

For configurations with tails located directly above or slightly behind the wing, the effect of

wing sidewash has been approximated by using the average of the isolated-tail and conventional-

tail values.

DATCOM METHODS

Method I

For conventionally located vertical tails, the equation for the nondimensional rolling derivative

ClP of a wing-body-tail configuration, based on the product of wing area and the square of wing

span Sw bw 2, is given by

, (CP)H+ 0.5 (7lp)H kSW \b W \bw [bw]) NH

(per radian) 7.4.2.2-at

where

(CIp)wB is the wing-body contribution to Cl , obtained from test data or

Secticn 7.1.2.2 and based on the product of wing area and the square

of wing span (per radian).

CI is the horizontal-tail contribution obtained from test data or Section
7.1.2.2, based on the horizontal-tail geometry 'per radian).

Si (b.il is the ratio of the horizontal-tail area to the wing area times the square
S W \bw/ of the ratio of the horizontal-tail span to the wing span.

is the vertical distance of the vertical-tail center-of-pressure location
above or below the moment-reference-center location. This value must
be calculated for each angle of attack. (See sketch (a) in Section
7.4.2.1.) From equation 7.4.2.1-b, z is expressed as

z = zp Cos a Q p sin a

7.4 .2...-2 p
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R £pis the distance from the moment reference center to the center-of-
pressure location of the vertical stabilizer, measured parallel to the body
-center line (see sketch (a) in Section 7.4.2.1). For Datcom purposes, the
vertical-tail center-of-pressure location is assumed to be the quarter-
chord point of the MAC of the total added panel.

Zp is the distance from the moment reference center to the center of
pressure of the vertical stabilizer, measured normal to the body center
line, positive for the stabilizer above the body. For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter-
chord point of the MAC of the total added panel.

SACY )v(wBH) is the tail-body sideslip derivative obtained from test data or Section

5.3.1.1. It includes the end-plate effects of the horizontal tail and is
based on the wing area (per radian).

Method 2

For vertical tails located either directly above, or above and slightly behind the wing, the
equation of the nondimensional rolling derivative Cjp of a wing-body-tail configuration, based o"
the product of wing area and the square of wing span Sw bw 2, is given by

~'q ,I ~ , (,) + (C/,), W b;)
(CSW)Wb + (2b

(per radian) 7.4.2.2-b

where the components are described in method 1 above.

.iOe Problem

Method I

Given: Model of reference 4
a.c. OF
HORIZONTAL
TAIL

H.

7.4.2.2-3



Wing Parameters:

Sw 1.90sq ft bw= 2.16 ft Aw 2.44 X 0.38

F = --i0o = 0.94 ft A 18.0, z = 0

Horizontal-Tail Parameters:

SH 0.48 sq ft b = 1.20ft AH = 2.97 X 0.31

t
Ac14  10.50 r = 0 - = 0.05 Z = 0.44 ft -zH = 8.30in.

Vertical-Tail Parameters:

Sv= 0.56sq ft bv= 9.0 in. AV = 0.86 Xv= 0.37

cLi= 0.42 ft Z = 0.87 ft AC/ 2 = 23.250 zP = 0.308 ft.

p= 1.25 ft x = 0.25 ft

Additional Parameters:

ot 4.00 M = 0.25 (C1 ) w -0.30 per rad (test data)
pc P WB

CL = 0.3 RQ 1.5 x 106 2r, 4.88 in.

Compute:

Calculate for the horizontal tail from Section 7.1.2.2

(C1P)I * ! (B 1 ) cL- (:CL o (C ) + (AC P ,)
L) L O ( C I P) r

(equation 7.1.2.2-a)

(tanAc)

3 J1 - M2 = / -(.25)2 = 0.968
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AO= t 0.1853
A tan- 0.968)/

= tan-' (0.1914) = 10.80

.: = 1 (assumed)
3AH (0.968) (2.97)

K 1.0

= -0.245 (figure 7.! .2.2-20b)

(CL)

(CL.) = 1.0(assumed)
CL C) 

0'

(C-p) =I (no dihedral)

( 1 (Cl)•LCL 2 -- 1° (equation 7 .1.2 .2 -c)

( /daC g CL2 2 ~ D
(CIp)rDL

(Cp)DL= 0.015 per rad (figure 7.1.2.2-24)
CL2

L

":•'•~~~~~ = f) l/+10__41 Swet

CD 0 ++100+RL.S. S-- (equation 4.1.5.1-a)

£ = = 0.44ft

Sk = 0.05 x 'i0- in (table 4.1.5.1-A, assume polished wood surface)

Q (0.44)(12) =1.056 x 101
k 5 x 10-s

Cutoff Reynolds number, RR 7 x 106 (figure 4.1.5.1-27)
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Test Reynolds number, R2  1.5 x 106

Cf 0.00410 (figure 4.1.5.1-26)

L 1.2 (assume (t/c)max is located at x .50c)

[i tL +100 =1.06 (igure 4.1.5.1-28a)
c ,0

cos A cos 0 = 1.0
(t/Cmax

RLS 1.067 (figure 4.1.5.1-28b)

e- 2.0 (assumed) Sref = bortizontij"
Sref

CD IL + L + 100 ".S. S (equation 4.1.5.1-a)
0 fe

= (0.00410) (1.06) (1.067) (2.0)

- 0.00927

(c)-Cp)D L 1
k I C L _ -- (per radian) (equation 7.1.2.2-c)

ACtP p d-ag CL28 CD0

L

0.00927
= (0.015) (0.3)2 - 8

= 0.001350 -0.001159

= 0.000191 per rad

Sc

(C) p C L(3(Cip) (per radian)P)HK C C f(P CLQ CL= 0 (Cip)r-o (AC ,u (g

(equation 7.1.2.2-a)
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(C)t (--0.245) (1) (1) + 0.000191

= -0.253 + 0.000191

-0.2,53 per rad (based on product of horizontal tail area and the square

of tail span SHbH2 )

Calculate tLe vertical distance z of the vertical-tail center-of-pressure location above or below
g' the moment-reference-center location

z = zv cos a - k sin ot (equation 7.4.2.1-b)

= (0.308) (0.9976) - (1.25) (0,06976)

= 0.220 ft

i:: Calculate the tail-body sideslip derivative (ACY) from Section 5.3.1.1

• "bv 9.0
AV) = 1.842r, 4.88

Av B
- - 1.63 (figure 5.3.1.1-22a)

Av

zH --8.30
- --- -- -0.922

_ bv 9.0

x 0.25
-G E-. . 0.595!,., e~v 0.42

A V (HB)
-__,, = 1.39 (figure 5.3.1.1-22b)

L. AV (B)
1..

SH 0.48-.. = &- - = 0. 85 7S"- S v0 .5 6

KH 0.85 (figure 5.3.1.1-22c)

7.4.2.2-7
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AV (B)AVIB
A~ AV= I + K H ..... 1 (equation 5.3.1.1-a)Aeff H [vLVy(B

AV V()K = (1.63) (0.86) 1 + 0.85 1 l.39-11}

(1.63) (0.86) (1.33)

1.86

K= 1 (assumed)

-ff + tan2 A20ta' /2 = 1.86 [0.9375 + (0.4296)2)1/2 = 1.86 (1.06) 1.97

CL
- = 1.30 (figure 4 1.3.2-49)t Acff

CL = (1.30) (1.86)

= 2.42 per rad (based on Sv)

\ qv Sv/Sw zw
I1 + . 0.724 + 3.06 + 0.4 - + 0.009A (equation 5.4.1-a)

q.) I + cos/AC14  d

0.56/1.90
0.724 + 3.06 + 0 + (0.003-,) (2 .)1.9511

= 0.724 + 0.462 + 0.022

= 1.208

k = 0.75 (figure 5.3.1.1-22d)

(ACy) -k (CLa) + - (equation 5.3.1.-b)

0.56
= (0.75) (2.42) (1.208)

i ip1.90

- 0.646 per rad (based on Sw)

7.4.2.2-8
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9 (C,P)W + 0.5~ 1 (C. (bj tW 2w t) bw As

(equation 7.4.2.2-a)

/0.48\ /_1.20\ 2

-0.30 + (0.5) (-0.253) \ 8 1.2

2 /0.22\ 22-0.308] (-0.646)
\.6/ 2.16 J

= -0.30 - 0.00986 - 0.00536

= -0.315 per rad (based on the product of wing area and the square of wing span
S 2)

This compares with a test value of -0.33 per radian from reference 4.

B. TRANSONIC

No generalized reliable method is available in the literature for estimating transonic values of the
roll-damping derivative Clz. However, a considerable quantity of test data is available and
reference should be made to tablt 7-A.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the
roll-damping derivative ClP.

The wing-body roll-damping derivative at supersonic speeds is estimated by the wing-body
method of paragraph C of Section 7.3.2.2.

Methods are presented in reference 5 for evaluating the vertical-tail contribution to CIP. The
stability derivatives presented therein are derived by using supersonic linearized theory for
families of thin isolated vertical tails performing steady rolling motions. Vertical-tail families
(half-delta and rectangular planforms) are considered over a broad Mach number range. Also
considered are vertical tails with arbitrary sweepback and taper ratio at Mach numbers for which
both the leading edge and trailing edge of the tail are supersonic, Ind triangular vertical tails with
a subsonic leading edge and a supersonic trailing edge.

7.4.2.2-S
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7.4.2.3 WING-BODY-TAIL ROLLING DERIVATIVE Cp

This section presents methods for estimating the nondimensional rolling derivative C,, of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available for estimating the wing-body-tail rolling derivative CP. This
derivative is the change in yawing-moment coefficient with change in wing-tip helix angle and is
expressed as

n
"Cnp b

In general, the Datcom methods consist of a synthesis of material presented in Sections 7.1.2.3 and
7.3.2.3, and thc vertical-tail contribution based on the methods of reference 1.

Contributions to this derivative arise from two sources, the wing and the vertical tail. The wing
contribution is usually negative; whereas the tail contribution may be positive or negative
depending on vertical-tail geometry, sidewash, and equlibrium angle of attack.

The rolling wing produces a sidewash at the vertical tail, which can significantly alter the
vertical-tail contribution. This effect is discussed more fully in reference 2. Studies have indicated
that the effect of the sidewash varies considerably with tail size, tail location, and to some extent
with wing planform.

The derivative Cnp is important in lateral dynamics because of its influence on Dutch-roll
damping. Although for most configurations Cn, is negative, positive values of Cnp are desired to
increase the Dutch-roll damping characteristics.

A. SUBSONIC

Two methods are presented for determining the rolling derivative Cnp of the wing-body-tai
combination, differing only in their treatment of wing sidewash on the vertical tail. The first
method is applicable to conventionally located vertical tails, and the seccxd method applies to
tails located directly above, or above and slightly behind the wing.

Both methods are based on the assumption that the vertical-tail contribution to Cnp is zero at
a = (, and varies with angle of attack.

For an isolated-tail configuration the vertical-tail value of Cnp is approximated By

z 2 ) (AC' ) )p

7.4.2.3-1



For a conventionally located vertical tail the effect of wing sidewash on the vertical tail has been

approximately accounted for by n) = 2 (Ac,"),. For configurations with tails

located directly above or slightly behind the wing, the effect of wing sidewash has been
approximated by using the average of the isolated-tail and conventional-tail values.

DATCOM METHODS

Method 1

For conventionally located vertical tails, the equation for the nondimensional rolling derivative
Cp of a wing-body-tail configuration, based on the product of wing area and the square of wing
span Sw bw 2, is given by

C (2,, cos a + Asin ) (ACv" ai (WDH) (per radian)

[A Sl a bwZP

7.4.2.3-a

However, if test data for (ACng)p of the empennage are available, the above equation can be
rewritten to include the effective tail length, i.e.,

=n (cap)W + 2 this!,z] &Acn) P(per radian) 7.4.2.3-b

where

(cnp )wi is the wing-body contribution to Cp,, obtained from test data or
Section 7.3.2.3 and based on the product of wing area and the square
of wing span (per radian).

2P is the distance from the moment reference center to the center-of-
pressure location of the vertical stabilizer, measured parallel to the body
center line (see sketch (a) in Section 7.4.2.1). For Datcom purposes, the

vertical-tail center-of-pressure location is assumed to be the quarter-
chord point of the MAC of the total added panel.

rf -"

bw is the wing span.

z is the vertical distance of the vertical-tail center-of-pressure location
"above or below the moment-reference-center location. This value must
be calculated for each angle of attack. (See sketch (a) in Section
7.4.2.1.) From equation 7.4.2,1-b, z can be expressed as

z = Z. Cosa RP sin a

FeD 7.4.2.3-2
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Zp is the distance from the moment reference center to the center of
K .pressure of the vertical stabilizer, measured normal to the body center

line, positive for the stabilizer above the body. For Datcom purposes,
tAi the vertical-tail center-of-pressure location is assumed to be the quarter-

chord point of the MAC of the total added panel.

(ACy )v(WBH' is the tail-body sideslip derivative from test data or Section 5.3.1.1. It
includes the end-plate effects of the horizontal tail and is based on the
wing area (per radian).

Cn'P is the tail-body sideslip derivative from force-test data, where p refers to
panels present in the empennage; It is based on the product of wing
area and span (per radian).

Method 2

For vertical tails located either directly above, or above and slightly behind the wing, the
equation for the nondimensional rolling derivative Cap of a wing-body-tail configuration, based
on the product of wing area and the square of wing span SW bw 2, is given by

C = (Cn -- V O P sinP] [2z zp] AC ) (per radian)np Y~JW #L J 1 J ( D(WBH)w (A
7.4.2.3-c

However, if test data for (AC,, ' of the empennage are available, the equation can be. rewritten to

&-alde the effective tail length, i.e.,

(c~~) [2 z~ (-cz
S= (per radian) 7.4.2.3-d

where the components are described in method 1 above.

Sample Problem

Method 1 aLc. OF
HORIZONTAL

Given: Model of reference 3 TAIL-
x

_ __,1L

-~7.4.2.3-3 j



r t. _' ." • •. . . . pa a-? .- *, r ', . -. " .* " "* ~ *-- *- *'-r"-"- .-*. t* .* ., . " ' " ¸ . * * -. *. .. r

Wing farameters:

Sw = 1.90 sq ft bw = 2.16ft Aw 2.44

S0.38 A,/4 18.00

Horizontal-Tail Parameters:

S = 0.48 sq ft bH = 1.20 ft AH 2.97

= 0.31 -zH = 8.30 in.

Vertical-Tail Parameters:

Sv 0.56 sq ft bv 9.0 in. AV= 0.86

XV X : 0.37 cv = 0.42 ft AC/ 2 = 23.250

z 0.308 ft R= 1.25 ft x = 0.25 ft

Additional Parameters:

6.00 M 0.25 (Cj = 0.02 per rad (test data)
WIB

2r1 = 4.88 in.

Compute:

Calculate thlý tail-body sideslip derivative Cy from Section 5.3.1.1

S 9.0 1.84

2r1  4.88

Av isj

1.63 (figure 5.3.1.1-22a)AV

z, 8.30
- 9_-0.922

Vbv 9.0

x 0.25
... . . 5 0.595

cv 0.42

7.4.2,3-4
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r

A V(HB)

A = 1.39 (figure 5.3.1.1-22b)- AV (B)

SH  0.48
S- = 0.857

Sv 0.56

KH = 0.85 (t5.;,e S.3.1.1-22c)

:"A f . . . A, I + K- (equation 5.3.1.1-a)eff V " AV (B)

-: (1.63) (0,86) 11 + 0.85 [1.39- 14

(1.63) (0.86) (1.33)

- 1.86

S= 1 (assumed)

__[Aeff 11121/cI2 + tan A 1.86 [0.9375 + (0.4296)2]
~ p2+ ta' A 

1/2
I: c/ 1.8 6 (1 .0 6 ) - 1.9 7

CLa
= 1.30 (figure 4.13.2-49)

Aeff

CL = (1.30) (1.86)

- 2.42 per rad (based on Sveau Sv / zw
)+ q = 0.724 3.061cosA4 0.4 - + 0.009A (equation 5.4.1-a)

0.72 0.5Ac4

/0,56/1.90)
S0.724 + 3.06 0 + (0.009) (2.44)

= 0.724 + 0.462 +0.022

- 1.208

k = 0.75 (figure 5.3.1.1-22d)

7.4.2.3-5
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(ACv )V(WBH) = -k C/ / \ qv Sw (equation 5.3.1.1-b)

Y P)cj)C y + La) q.0 SW
-(0.75) (2.42) 2 0.56

(11.908/

-0.646 per rad (based on Sw)

Calculate the vertical distance z of the vertical-tail center-of-pressure location above or below the
moment-reference-center location

z cos a - sin a (equation 7.4.2.1.b)

- (0.308) (0.9945) -(1.25) (0.1045)

- 0.176 ft

2 [z- zp

C (c )V - ~ Cos a+z ZSinl a) [ p

(equation 7.4.2.3-a)

=6(0.02) -- 2 [(1.25) (0.9945) + (0.308) (0.1045)1 .16 A (-. 6 46)

= 0.02 - 216 (1.275) -2i 6/ (-0,646)

= 0.02 - 0.0466

= -0.0266 per rad (based on Sw bw 2 )

This compares with a test value of -0.048 per radian from reference 3.

B. TRANSONIC

No geineralized method is available in the literature for estimating transonic values of the rolling

derivative Cn p.,

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the rolling
derivative CnP.
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For the purpose of the Datcom the fuselage effect is considered to be negligible for wing-body
configurations with body diameters less than about 30 percent of the wing span. Therefore, for
configurations with d/b < 0.3, the wing-body rolling derivative Cnp is estimated by the
wing-alone method of paragraph C of Section 7.1.2.3.

Methods are presented in reference 4 for evaluating the vertical-tail contribution to Cn P. The
stability derivatives presented therein are derived by using supersonic linearized theory for
families of thin isolated vertical tails performing steady rolling motions. Vertical-tail families

i (half-delta and rectangular planforms) are considered over a broad Mach number range. Also

considered are vertical tails with arbitrary sweepback and taper ratio at Mach numbers for which
both the leading edge and trailing edge of the tail are supersonic, and triangular vertical tails with
a subsonic leading edge and a supersonic trailing edge.
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7.4.3 WING-BODY-TAIL YAWING DERIVATIVES

7.4.3.1 WING.BODY.TAIL YAWING DERIVATIVE Cy,

"This section presents a method for estimating the nondimensional yawing derivative Cy. of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available for estimating the wing-body-tail yawing derivative Cy r This
derivative is the change in side-force coefficient with variation in yawing velocity and is

expressed as

CY aCy
Cy =~ b

In general, the Datcom method consists of a synthesis of material presented in Sections 7.1.3.1 and

7.3.3. 1, and the vertical-tail contribution based on the methods of reference 1.

Contributions to the derivative Cy arise from two sources, the wing and the vertical tail. The
vertical-tail contribution, which constitutes the major portion, is small and positive in sign.

Generally Cy, is of little importance in lateral dynamics, hence it is frequently neglected.

A. SUBSONIC
r.

For the oscillatory mode, the effects due to lag of sidewash in free oscillation are important and

hence should be considered. However, no generalized method is available in the literature to
account for oscillating sidewash effects on Cy ; therefore, only the aperiodic mode of Cy r is

presented here.

In the equation for estimating the yawing derivative Cy ,, the sideslip-derivative contribution of

the vertical tail should include the end-plate effects of the horizontal tail.

DATCOM METHOD

The equation for the riondimensional yawing derivative Cyr of a wing-body-tail configuration,
based on the product of wing area and wing span Sw bw, is given by

2
C (Cr)w3 bw (Rp cos Of + sinr ) (Sil ýC )v(w) (per radian) 7.4,3.1-a

However, if test data for (A C,) of the empennage are available, the above equation can be

rewritten to include the effective tail length, i.e.,

Cyr (Cyv)wB + 2 (AC.)p (per radian) 7.4.3. 1-b

7.4.3.1-1



where

CY )wB is the wing-body contribution to CYr obtained from test data or by
using the recommendations of Section 7.1.3.1, based on the product of
wing area and wing span (per radian).

bw is the wing span.

RP is the distance from the rmoment reference center to the center-of-
pressure location of the vertical stabilizer, measured parallel to the body
center line. (See sketch (a) in Section 7.4.2.1.) For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter-
chord point of the MAC of the total added panel,

zp is the distance from the moment reference center to the center of
pressure of the vertical stabilizer, measured normal to the body center
line, positive for the stabilizer above the body. For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter-
chord point of the MAC of the total added panel.

ACya)VtWBH) is the tail-body sideslip derivative obtained from test data or Section
5.3.1.1. It includes the end-plate effects of the horizcontal tail and is

based on the wing area (per radian).

ACn ) p is the tail-body sideslip derivative from test data where p refers to

panels in the empennage. It is based on the product of wing area and
span (per radian).

Sample Problem

Given: Model of reference 2

a.c. OF

HORIZONTALTAIL .,

a 800 ,(Cvr) = -0.10 per rad (test data) (ACn = 0.42 per rad (test data)
YW)WB

rip "7.4.3.1-2
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Compute:

Calculate the yawing derivative Cy for the wing-body-tail configuration

C (Cyr ) + 2 cn) (equation 7.4.3.1I-b)

- -0.10 + 2 (0.42)

= 0.74 per rad (based on SW bw)

"This compares with a test value of 0.50 per radian from reference 2.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the yawing
derivative Cyr. Furthermore, there is a scarcity of experimental data for this derivative at
transonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the' yawing derivative Cyr. Furthermore, there is a scarcity of experimental data for this derivative at
supersonic speeds.
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"7.4.3.2 WING-BODY-TAIL YAWING DERIVATIVE C1,

This section presents a method for estimating the nondimensional yawing derivative C1 of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available for estimating the yawing derivative Cii. This derivative is the
change in rolling-moment coefficient with change in the yawing velocity and is expressed as

ac,
Cirr

in general, the Datcom method consists of a synthesis of material presented in Sections 7.1.3.2 and
7.3.3.2, and the vertical-tail contribution based on the methods of reference 1.

Contributions to this derivative arise from two sources, the wing and the vertical tail. The wing
contribution constitutes the major portion and is positive in sign. The lesser contribution of the
vertical tail can be positive or negative, depending upon tail equilibrium angle of attack. This
derivative is not of primary importance; however, it is not neglected in lateral dynamic
calculations.

A. SUBSONIC

The method presented here is based on the assumption that the wing and fuselage interference
effects on tail effectiveness can be determined floin geometric dimensions and the sideslip

derivatives. This is particularly true if experimental test data are available for .a&Y-p/VtwH) or

(ACIt) P in the equations given below.

DATCOM METHOD

The equation for the nondimensional yawing derivative CQ of a wing-body-tail configuration,
based on the product of the wing area and the square of wing span Sw bw 2 , is given by

2 a•) /z cos at 2 i AC~

Cr (Cl,) - - (2, Cos a + z P sin kzCos - 2P a)n CYO) 7.4.32-a

However, if test data for (AC,) , are available, the above equation can be rewritten to

approximate the effective vertical-tail center-of-pressure lo.ation (the height of the body center

line).

- 2 (R, Cos a+ sin a) "P7.4.3.2-b

if test data for (AC 0',)P and. .(CY V0) ivH) are available, *he above equation can be

rewritten to include the total effective vertical-tail center-of-pressure location.

7.4.3.2-1
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C +2 ( tc p (Actt (per radian) 7.4.3.2-c
S) 2(AC )(per

where

(Cir)wD is the wing-body contribution to C4, obtained from test data or Section
7.3.3.2, based on the product of wing area and the square of wing span
(per r.,dian).

bw is the wing span.

Rp is the distance from the moment reference center to the center-of-
pressure location of the vertical stabilizer, measured parallel to the body
center line. (See sketch (a) in Section 7.4.2.1.) For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter-
chord point of the MAC of the total added panel.

zp is the distance from the moment reference center to the center of
pressure of the vertical stabilizer, measured normal to the body center
line, positive for the stabilizer above the body. For Datcom purposes,
the vertical-tail center-of-pressure location is assumed to be the quarter-
chord point of the MAC of the total added panel. p.

(AC V)(wBH) is the tail-body sideslip derivative obtained from test data or Section

5.3.1.1. It includes the end-plate effects of the horizontal tail and is
based on the wing area (per radian).

(ACIt) P is the tail-body sideslip derivative from test data, where p refers to the
panels in the empennage. It is based on the product of wing area and
span (per rwdian).

is the tail-body sideslip derivative from test data, where p refers to the
panels in the empennage. It is based on the product of wing area and
span (per radian).

Sample Problem
x.c. OF

Given: Model of reference 2 HORIZONTAL
TAIL

, -7.4.3.2-2



a 6.00 bw 38.84 in. RP 24.3 in. z = 5.0 in.

(CF)W = 0.10 per rad (test data) (CY •v(-0.64 per rad (test data)

Compute:

Calculate the yawing derivative C1. for the wing-body-tail configuration2

C, = (C )wB w (- k cos a+Z sina) (z cosa- - sina)(ACy )vwB)

-. .•(equation 7,4.3.2-a)

= 0 .10 - - (24.3) (0,0045) + (5.0) (0.1045)(
(38.84)'

k(5.0) (0.00451, (24.3)(0.1045) - 0.64)

0.10+0.051

= 0.151 per rad (based on Swbw2 )

This compares with a test value of 0. 15 per radian from reference 2.

B. TRANSONIC

No generalized method is available in the literature for estimating transonic values of the yawing
derivative Cir. Furthermore, there is a scarcity of experimental data for this derivative at
transonic speeds.

C. SUPERSONIC

No generalized method is available in the literature for estimating supersonic values of the
yawing derivative Cr. Furthermore, there is a scarcity of experimental data for this derivative at
"supersonic speeds.

REFERENCES

1. Cmnipbell, J. P., and Goodman. A.: A Serniempirical Method for Estimating the Rolling Moment Due to Yaing of Airplanes.
NACATN 1984, 1949. (U)

2. Queijo M. J., and Wells, E. G.: Wind.Tunnel investigation of the Low-Speed Static end Rotarm Stailty Derivatives of a
0.13-Scale Model of the Douglas D658-11 Airplane in the Landing Configuration. NACA RM L52G07, 1962. (U)
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7.4.3.3 WING.BODY-TAIL YAWING DERIVATIVE CA,

This section presents a method for estimating the nondimensional yawing derivative Cnr of
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no
generalized methods are available for estimating the wing-body-tail yawing derivative Ca . This
derivative is the change in yawing-moment coefficient with change in the yawing-velocity
parameter. It is commonly referred to as the yaw damping and is expressed as

' CA

\ -/ra rb

In general, the Datcom method consists of a synthesis of material presented in Sections 7.1.3.3 and
7.3.3.3, and the vertical-tail contribution based on the methods of reference 1.

Contributions to this derivative arise from the wing, the fuselage, and the vertical tail. The
vertical-tail contribution usually constitutes the major portion and is negative in sign (positive
damping).

The derivative CA, is very important in lateral dynamics because of the important contribution it
makes to the damping of the Dutch-roll oscillatory mode. Its contribution to the spiral-mode
damping is also important. It is desirable to have a large negative value of Cnr for each mode.

A. SUBSONIC

For the oscillatory mode, the effects due to lag of sidewash in free oscillation are important and
hence should be considered, However, no generalized method is available in the literature to
account for oscillating sidewash effects on CA,; therefore, only the aperiodic mode of Cnr is
presented here.

In the equation for determining the yawflq,; dcrivative Cer, the sideslip-derivative contribution of
the vertical tail should include the end-plate efft cts of the horizontal tail.

DATCOM METHOD

The equation for the nondimensional yawing derivative CA, of a wing-body-tail configuration,
. based on the product of wing area and the square of wing span Sw bw 2, is given by

=(Cn)w + cosoi+zp sin/ (ACY V (per radian) 7.4.3.3-a

However, if test data for AC,, are available, the above equation can be expressed as

Cn•= (CA i-w t2 (per radian) 7.4.3.3-b

7.4.3_3-1



where

(C" W 0 (s thpe wing-body contribu tion to Qr obtained from test data or Section
7.3.3.3, based on the prodi,,t of wing area and the square of wing spanl

(per radian).

bw is the wing span.

RP is the distance from the moment reference -enter to the centem-of-

pressure location of the vertical stabilizer, measured parallel to the body
center line. (See sketch (a) in Section 7.4.2.1.) For Datcorn purposes,

the vertical-tail center-ol-pressure location is assumed to be the quarter-

chord point of the MAC of the total added panel.

TP is the distance from the moment reference center to the center of

pressure of the vertical stabilizer, measured normal to the body center

line, positive for the stabilizer above the body. For Datcom purposes, the
vertical-tail center-of-pressure location is assumed to be the quarter-
chord point of the MAC of the total added panel.

ACy V is the tail-body sideslip derivative from test data or Section 5.3.1.1 andV(WBH) is based on the wing area (per radian).

(AC) ) is the tail-body sideslip derivative from test data, where p refers to the

panels in the empennage. It is based on the product of wing area and

span (per radian).

Sample Problem

Given: Model of reference 2 aHR. OFHORIZONTAL
TAIL -

b,

4 ~~~~ ~ ~C -K :--- -____-----

"(Cr/) -0.15 per i, ktest dat.

(1C 0.) 0.43 per rad (test data) (AC Y)v --0.64 per (test data)

4 7.4.3.3-2
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[ .Compute:

"Calculate the yawing derivative C, for the wing-body-tail configuration

""= (C ) + 2 (equation 7.4.3.3-b)
= ( wr Y • V(WBH)

(0,43)2
= -0.15 + (2) (-0.64)

"= -0.15 - 0.578

= -0.728 per rad (based on Swbw2

This compares with a test value of --0.60 per radian from reference 2.

!1i B. TRANSONIC

F iI No generalized method is available in the literature for estimating transonic values of the yawing
derivative C,,. Furthermore, there is a scarcity of experimental data for this derivative at
transonic speeds.

S- C. SUPERSONIC

• .'No generalized method is available in the literature for estimating supersonic values- of the
yawing derivative Ca.. Furthermore, there is a scarcity of experimental data for this derivative at

supersonic speeds.

r

V REFERENCES

S1. Campbell, J. P,, and McKinney, M. 0.: Summary of Methods for Calculating Dynamic Lateral Stability and Response and
for Estimating Lateral Stability Derivatives. NACA TR 1098, 1952. (U)

2. Queijo, M. J., and Wells, E. G.: Wind-Tunnel Investiglaion of ltu Low-Speed Static and Rotary Stability Derivatives of a
0.13-Scale Model of th Douglas D-558-11 Aiprlane in the Landing Configuration. NACA RM L52G07. 1962. (U)
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7.4.4 WING-BODY-TAIL ACCELERATION DERIVATIVES

7.4.4.1 WING-BODY-TAIL ACCELERATION DERIVATIVE CL&

The information contained in this section is for-estimating the nondimensional acceleration
derivative CL& of wing-body-tail combinations at low angles of attack. This derivative is the
change in lift coefficient with rate of change of angle of attack and is expressed as

CLaCL

In general, the methods presented consist of a synthesis of material presented in other sections,
although some new information is presented.

This derivative is presented in a manner similar to that used in reference I to calculate the lift of
a wing-body-tail combination. The complete derivative is the sum of contributions of individual
components, treated as isolated surfaces or bodies, and mutual interference effects. The mutual
interference effects are assumed to correspond to those due to angle-of-attack variations,
established in references 1 and 2 and presented in Section 4.3.1.2.

The horizontal-tail contribution to the derivative CL& is based on the concept of the lag of the
downwash. The nonstationary character of the lift response of the tail to changes in tail angle of
attack is neglected, and the result is attributed entirely to the fact that the downwash at the tail
does not respond instantaneously to changes in wing angle of attack. This concept is also the
basis used in estimating the horizontal-tail contribution to the derivative Cma in Section 7.4.4.2.
The result of this concept is presented in numerous aerodynamic texts, for example, reference 3.
The effect of CL& on longitudinal stability is usually unimportant and is therefore frequently
neglected in dynamic analyses.

A. SUBSONIC

Two methods are presented for determining the acceleration derivative CL& of wing-body-tail

combinations, differing only in their treatment of the effect of the flow field of the forward
surface on the aft surface

DATCOM METHODS

Method 1. (b'/b" > 1.5)

For configurations in which the span of the forward surface is large compared to that of the aft
surface, the following approach can be used. This method is to be used when the ratio of the
forward-panel span to the aft-panel span is 1.5 or greater. The equation of the nondimensional
acceleration derivative CLd of a wing-body-tail configuration, based on the area and mean

7.4.4.1-1



aerodynamic chord of the total forward panel and referred to a moment center at the assumed
center of gravity or center of rotation, is given by

C C ) + 2 [Kw() +KB C)I x¢ x)

7.4.4.1-a

where the primed quantities refer to the forward panel, the double-primed quantities refer to the
aft panel, and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition
of exposed surfaces.)

(CL a)WB is the contribution of the wing-body configuration to the acceleration derivative
CL&, obtained from Section 7.3.4.1.

8 • is the downwash gradient averaged over the aft surface, obtained from Section
4.4.1.

The remaining terms are defined in paragraph A of Section 7.4.1 .1.

Method 2. (b'/b" < 1.5) D

For configurations in which the span of the forward surface is approximately equal to or less
than that of the aft surface, the vortex shed from the forward surface interacts directly with the
aft surface and the resulting interference effects must be accounted for in the tail terms. This
method is to be used when the ratio of the forward-panel span to the aft-panel span is less than
1.5. The equation for the nondimensional acceleration derivative CL& of a wing-body-tail
configuration, based on the area and mean aerodynamic chord of the total forward panel and
referred to a moment center at the assumed center of gravity or center of rotation, is given by

rg,
C.9 J

S( . 2 7.4.4. 1-b

All the terms are defined in paragraph A of Section 7.4.1.1 and method 1 above.

Because of the similarity of the two methods a sample problem for method 2 is not included.
However, evaluation of the term (CIC)w"(V,) for a wing-body-tail configuration is presented in
Section 4.5.1.1.

7.4.4.1-2



Sample Problem

Method I

Given: Same configuration as sample problems of paragraph A, Sections 7.4.1.1 and 7.4.1.2.

Some of the characteristics are repeated below. Note that for the sake of simplicity the
• i vehicle center of gravity has been taken at Z'/4 and x,.g.- x'" R ".

The following ratios based on total forward panel dimensions:

S2 eff hH
0.4377 - 0.8053 0.4026 - 0.1578:"b' b' b- b'

9" 3Q Se"
- 2.26 - 0.2667 - 0.0988

c' b' S'

Additional Characteristics:

hH 7.18 feet M = 0.60 R =- 5.16 x 107 (based on

£eff = 22 = 18.32 feet = 0.80 Sea level

3= ' = 12.133 feet a' = 40 Smooth surfaces

V' 27.425 feet r o NACA 66-206 airfoil sections

SA'/4 30.970

Compute:

Step 1. Wing-body CL. (Section 7.3.4.1)

-(CL wB = 0.864 per rad (sample problem, paragraph A, Section 7.3.4.1)

Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2)

4.0 per rad (sample problem, paragiaph A, Section 7.4.1.1)

Step 3. Tail-body interference factors (Section 4.3.1.2)

Kw(B)" 1.315
. (sample problem, paragraph A, Section 7.4.1.1)

,KH(w' 0.550

7.4.4.1-3
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Step 4. Dynamic pressure ratio (Section 4.4.1)

qI - 0.901 (sample problem, paragraph A, Section 7.4.1.1)q.

Step 5. Downwash parameter (Section 4.4,1)

Obtain value for o' = 4' at M = 0.2 and correct for Mach number effects by equation
4.4.1 -g

ao' = -1.6° (table 4.1. 1-B)

tan Ae/2  0.4003 <1

A' ( 1) 2  0 5 [0.98 + (0.4003)2]1/2 = 5.43
S--32+tan' A¢/2)54

K 0.985

CL-,:, La

A A 0.80 (figure 4.1.3.2-49)
C

CLa = 4.00 per rad = 0.0698 per deg

CI = CL'- ai0 ') = 0.0698 [4 - (-1.6)] = 0.391

a' = 21.00 (Section 4.1.3.4)
CLmax

0- a o  4--(-1.6)= = 0.248
a CL -ao0  21.0 - (-1.6)

max

A'ff
- 1.0

A'

(figure 4.4.1-66)
b'eff

b = 1.0b'

A'f 5.0

b'ef = 45.50 ft

7.4.41-4
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=0.40

(figure 4.4.1-67)

• 0.49

Ay= 1.10 (figure 2.2.1-8)

Type of flow separation: Leading-edge separation is predominant (figure 4.4.1-68a)

0.4 1CL\ b

a hH (22 + 23) (a A- "/ - tan P (equation 4.4. 1-d)
/ 2

4 (0.41) (0.391) 45.50
= 7.18 -(18.32 + 12.133) 4 (3.14) (5.0)) 2 (0)

7.18 -(30.453) (0.0596) = 5.37

0.56 A' 0.56(5.0)-

Lru = , 0.3 -- 7.16 (See page 4.4.1-6)CL' 0.391'

b [0.78 + 0.10 (X' - 0.4) + 0.003 A' 4 bI (Ae/ 4 in deg) (equation 4.4.1 -f)

= (0.833) (45.50)

= 37.90 ft

22R I1/2
= b ff -(boff- b , (equation 4.4.1-e)

"ru) b'tr

F36.64 11/2
45.5 -(45.5 - 37.9) L - .1)

L(45.) (7.16)j

= 45.5- 2.5 = 43.0

bH b" _ 19.915
- = - 4-3.0 = 0.463b4 b. 43.0
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ta

2a _2(5.37)

- = 0.25
bv 43.0

- 0.93 (figure 4.4.1-68b)

•low -- I'a) = (0.93) (0.49) = 0.4557

speed w v
C ')

CL) M0.= 4.50 (sample problem, paragraph A, Section 7.3.1. 1)

\a4M---'' w (Lc'M=0" (equation 4.4. l-g)
)M 0 .6 aa0)ow C l

speed
spccd

= (0.4557)

- (0.513)

Solution:

CL (CL)WB, + 
2 [KW(B) + KB(W)] g) T (CLe

(equation 7.4.4. 1-a)

S0.864 + 2(1.315 + 0.550) (0.0988) (2.26) (0.513) (0.901) (4.0)

= 0.864 + 1.540

= 2.404 per rad (based on the area and mean aerodynamic chord of the total
forward panel and referred to a moment center at g74)
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B. TRANSONIC

No accurate methods are available for estimating the characteristics of isolated panels, the
dynamic- pressure ratio, or the downwash gradient in the transonic speed regime. The aero-
dynamic interference "K" factors for slender configurations are relatively insensitive to Mach
number; however, for nonslender configurations transonic interference effects can become quite
large and sensitive to minor changes in local contour.

DATCOM METHODS

It is recommended that the methods presented in paragraph A above be applied directly to the
transonic speed regime. Care should be taken to estimate the various parameters of equations
7.4.4.1-a and -b at the appropriate Mach number. The interference "K" factors should be
obtained from paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The information included in the Datcom accounts for most of the mutual interferences that
occur between components of wing-body-tail configurations at supersonic speeds.

DATCOM METHODS

- The methods presented in paragraph A above are also applicable to the supersonic speed range.
Care should be taken to estimate the various parameters of equations 7.4.4.1-a and -b at the
appropriate Mach number. Method 3 of paragraph C of Section 4.4.1 should be used to evaluate
the last term of equation 7.4.4.1-b.

Sample Problem

Method I

Given: Same configuration as sample problems of paragraph C, Sections 7.4.1.1 and 7.4.1.2, and

paragraph A of this section. Some of the characteristics are repeated below.

The following ratios based on total forward panel dimensions:

- = 2.26 S'- 0.0988

Additional Characteristics:

h11 = 7.18 ft M = 1.40 = 40

A'= 5.0 p 0.98 cg at -'/4
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Compute:

Step I. Wing-body CN. (Section 7.3.4.1)

(C N. =KW(B) K KB(W )(\j L) CC.

(equation 7.3.4.1-a)

(CN) = -0.485 per rad (sample problem, paragraph C, Section 7.3.4.1)

Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2)

C " = 4.025 per rad (sample problem, paragraph C, Section 7.4.1.1)

Step 3. Tail-body interference factors (Section 4.3.1.2)

Kw(' 1.315

(sample problem, paragraph C, Section 7.4. 1.1)
K B(w = 0.4028

Step 4. Dynamic pressure ratio (Section 4.4.1)

q,
__ - 0.80 (sample problem, paragraph C, Section 7.4.1.1)
q•

Step 5. Downwash parameter (Section 4.4.1)

Obtain value in the plane of symmetry at

9Z __

3652 ft

x, y, and z referred to wind axes:

X h1 sin ot + (36.52) cos c = 36.93

7.4.4.1-8



y =0 (plane of symmetry)

z hH 4:os U -(36.52) sin a 4615

2x 2z y
- 1.656 0.2029 -= 0

• " i-9/b' W bW

A'= 4.90

2h
= 1.0* (figure 4.4.1-74a)

_b4e 2z_ 2h
2 2z + 2h o'3 (a'in rad)

ff b= + 'b'

0.2029 + (1.0) (0.0684)

- 0.2713

- 0.29* (figure 4.4.1,-76a)

Solution: I( ) ( ~ x ~ ) 405 ... a

.• (equation 7.4.4. l-a)

I.-.
, =-0.485 + 2(1.315 + 0.4028) (0.0988) (2.26) (0.80) (0.29) (4.025)

"= -0.485 +.0.716

= 0.231 per rad (based on the area and mean aerodynamic chord of the total forward

panel and referred to a moment center at C'/4)

REFERENCES

1. Pitts, W., Neilson, J., and Kaettari, G.: Lift and Center of Pressure of Wing-Body-Tail Combinations at Subsonic, Transonic,
and Supersonic Speeds. NACA TR 1307, 1959. (U)

2. Spreiter, J.: The Aerodynamic Forces on Slender Plane- and Cruciform-Wing and Body Combinations. NACA TR 962,
1950. (U)

3, Etkin, B.: Dynamics of Flight. John Wiley and Sons, Inc., Now York, 1959. (U)

*The data obtained from figures 4.4.1-74a and 4.4.1-76a (or triangular plartforms have been extrapolated to pA' = 4.90. (See

reference 14, Section 4.4.1.)
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7.4.4.2 WING-BODY-TAIL ACCELERATION DERIVATIVE Cm'&

The information contained in this section is for estimating the nondimensional acceleration

derivative Cm& of wing-body-tail combinations at low angles of attack. This derivative is the

change in pitching-moment coefficient with rate of change of angle of attack and is expressed by

a 
*

This derivative is important in longitudinal dynamics, since it is involved in the damping of the

short-period mode.

The Datcom methods are based on the same assumptions that were made for the total pitching
derivative CL& of the wing-body-tail combinations, and the general discussion of Section 7.4.4.1
is directly applicable here.

A. SUBSONIC

Two methods are presented for determining the acceleration derivative Cm& of wing-body-tail
combinations, differing only in their treatment of the effect of the flow field of the forward
surface on the aft surface.

DATCOM METHODS

Method 1. (b'/b" >' 1.5)

For configurations in which the span of the forward surface is large compared to that of the aft
surface, the following approach can be used. This method is to be used when the ratio of the
forward-panel span to the aft-panel span is 1.5 or greater. The equation for the nondimensional

acceleration derivative C,& of a wing-body-tail configuration, based on the area and the square

of the mean .e-rodynamic chord of the total forward panel and referred to a moment center at

the assurned center of gravity or center of rotation, is given by

(C= - 2[I-C,) + qK)1 Lz•-(Xcui x) 2 A••X C \Le

7.4.4.2-a

where the primed quantities refer to the forward panel, the double-primed quantities refer to the

aft panel, and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition
of exposed surfaces.)
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(Crn&)wB is the contribution of the wing-body configuration to the acceleration derivative
Cm a, obtained from Section 7.3.4.2.

--. is the downwash gradient averaged over the aft panel, obtained from Section
4.4.1.

The remaining terms are defined in paragraph A of Section 7.4.1.1.

Method 2. (b'/b" < 1.5)

For configurations in which the span of the forward surface is approximately equal to or less
than that of the aft surface, the vortex shed from the forward surface interacts directly with the
aft surface, and the resulting interference effects must be accounted for in the tail- or aft-
surface-contribution terms. This method is to be used when the ratio of the forward-panel span
to the aft-panel span is less than 1.5. The equation for the nondimensional acceleration derivative
C,,j of a wing-body-tail configuration, based on the area and the square of the mean aero-
dynamic chord of the total forward panel and referred to a moment center at the assumed
center of gravity or center of rotation, is given by

C C,,, )WB + 2 C .-, 7.4.4.2-b

.7

All the above terms are defined in paragraph A of Section 7.4.1.1 and method I above.

Because of the similarity of the two methods a sample problem for method 2 is not included.
However, evaluation of the term (CL a)w"(v) for a wing-body-tail configuration is presented in

Section 4.5. 1.1.

Sample Problem

Method I

Given: Same configuration as sample problems of paragraph A, Sections 7.4.1.1, 7.4.1 .2, and
"7.4.4.1. Some of the characteristics are repeated below.

The following ratios based on total forward-panel dimensions:

Se
- 2.26 - 0.0988

c S

Additional Characteristics:

M 0.60 b 0.80 o' 4' cg at /4

7.4.4.2-2
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Compute:

Step I Wing-body Cm. (Section 7.3.4.2)

(Cm.) [KW(B) + KB(W)] (-)Q--) / Cm.)e + (Cm) (') C)

(equation 7.3.4.2-a)

= -0.400 per tad (sample problem, paragraph A, Section 7.3.4.2)

Step 2. Lift-cuive slope for the exposed horizontal-tail panel (Section 4.1.3.2)

L(C ) = 4.0 per rad (sample problem, paragraph A, Section 7.4.1.1)

Step 3. Tail-body interference factors (Section 4.3.1.2)

KW(B) = 1.315

(sample problem, paragraph A, Section 7.4.1.1)
KB(w) = 0.550

'W - Step 4. Dynamic pressure ratio (Section 4.4.1)

- 0.901 (sample problem, paragraph A, Section 7.4.1.1)

Step 5. Downwash parameter (Section 4.4.1)

0 (.513 (sample problem, paragraph A, Section 7.4.4.1)

Solution:

Cm C = Cm)WB 2 [KW(B) + K B(W)I (S. ) C~ actL)(C

(equation 7.4.4.2-a)

-0.400 - 2(1.315 + 0.550) (0.0988) (2.26)2 (0.901) (0.513) (4.0)

= --0.400 -- 3.48

= -3.88 per rad (based on the area and the square of the mean aerodynamic chord
of the total forward panel and referred to a moment center at E'/4)
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B. TRANSONIC

The comments of paragraph B of Section 7.4.4.1 are directly apphcable here.

DATCOM METHODS

It is recommended that the methods presented in paragraph A above be applied to the transonic
speed regime. Care should be taken to estimate the parameters of equationis 7.4,4.2-a and -b at

the appropriate Mach number. The interference "K" factors should be obtained from

paragraph C, Section 4.3.1.2.

C. SUPERSONIC

The comments of paragraph C of Section 7.4.4.1 are directly applicable here.

DATCOM METHODS

The methods presented in paragraph A above are also applicable to the supersonic speed range.

Care should be taken to estimate the parameters of equations 7.4.4.2-a and -b at the atppropriate

Mach number. Method 3 of paragraph C of Section 4.4.1 should be used to evaluate the last term

of equation 7.4.4.2-b.

Sample Problem

Method I

Given: Same configuration as sample problems of paragraph C, Sections 7.4.1.1, 7.4.1.2, and

7.4.4.1, and paragraph A of this section. Some of the characteristics are repeated below.

The following ratios based on total forward-panel dimensions:

•., S "
- 2.26 0.0988

c S,

Additional Characteristics:

M 1.4 0,98 4' 40 cg at ý/4

Compute:

Step 1. Wing-body CM, (Section 7.3.4.2)

C (M )WB KW(B) +K 1 ~ 3 '(Se~ ) (cr. 6) +( B ) 1
(equation 7.3.4.2-a)
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(Cma) 1.308 per rad (sample problem, paragraph C, Section 7.3.4.2)

Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2)

CN ) 4.025 per rad (sample problem, paragraph C, Section 7.4.1 .1)

Step 3. Tail-body interference factors (Section 4.3.1.2)

KW(B) = 1.315

(sample problem, paragraph C, Section 7.4.I.1)
KB(W) 0.4028

Step 4. Dynamic pressure ratio (Section 4.4.1)

- 0.80 (sample problem, paragraph C, Section 7.4.1.1)

Step 5. Downwash parameter (Section 4.4.1)

=-0.29 (sample problem, paragraph C, Section 7.4.4.1)

Solution:

= (C ( 21KW(B) K KB(W)

(equation 7.4.4.2-a)

4 = 1.308 - 2(1.315 -i 0.4028) (0.0988) (2.26)2 (0.80) (0.29) (4.025)

= 1.308 - 1.619

= -0.3 1 per rad (based on the area and the square of the mean aerodynamic chord
of the total forward panel and referred to a moment center at U'/4)
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7.4.4.3 WING-BODY-TAIL DERIVATIVE CD&

This section presents a method for estimating the wing-body-tail derivative CD& at subsonic speeds.
This derivative is the change in the drag coefficient due to a change in & at a constant pitch rate and
is defined as

aCD
CD. - I where CD is based on Sw

In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is
usually neglected.

A. SUBSONIC

The wing contribution to CD& can be estimated using unsteady-flow theory. The body contribution

is small and has been neglected. The tail contribution is computed from conventional downwash-t-ag
theory. The horizontal-tail lift due to & was taken to act normal to the local flow direction at the
tail, to produce a fora.. component in the direction of the free-stream.

DATCOM METHOD

The wing-body-tail derivative is given by

S (CD) +(CD) + aC . 7.4.4.3-a

where

(C&CD is the wing contribution to CD. obtained from Section 7.1.4.3.
wa

*(C0) is the horizontal-tail contribution independent of angle of attack, obtained by

I S If (Q.-CO coaF sin cda'F

(CD)& - CL - (2e0 - ill 7.4.4.3-b
O) ý57.3 1HS W E/2 au'

4 where

CL is the horizontal-tail lift-curve slope (based on SH. obtained from test data or
a H from Section 4.1.3.2 (per degree).

*S14 is the horizontal-tail reference area.

SSw is the wing reference area.

7.4.4.3-1
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RH is the distance from the momen reference center to the center-of-pressureH
location of the horizontal stabilizer, measured parallel to the body center line.
For Datcom purposes, the horizonta!-tail center-of-pressure location is assumed
to be at the quarter-chord point of the MAC of the total added panel.

z H is the distance from the moment reference center tc the center-of-pressure
location of the horizontal stabilizer, measured normal to the body center line,
positive for the stabilizer above the body. For Datcom purposes, the
horizontal-tail center-of-pressure location is assumed to be at the quarter-chord

point of the MAC of the total added panel.

is the fuselage angle of attack.
F!

ae
-- is the downwash gradient at E/4 of the horizontal tail, obtained from test data

or from Section 4.4.1.

is the wing MAC.

C0 is the downwash angle at Z/4 of the horizontal tail at aF 0.

iH is the horizontal-tail incidence with respect to the fuselage reference line.

3C.1
- raý- is the change in horizontal-tail contribution with angle of attack, obtained by

H

( 1 SH H Co s U F + H sin F ( 2 7 .4 .4 .3-c

where all of the terms are defined above.

Sample Problem
Given: Same configuration as sample problem of Paragraph A of Section 7.1.4.3.

Tail Characteristics:

CL = 0.05 per deg SH 16 ft 2

RH = 8ft ZH = 0 ='
o 0.32

E0 = 10 iH = 0

Compute:

( D •0 lCLn H (RH COS a' l- U1 sin c F) 3C

( D 50  C - (2 cse0- i11) (Equation 7.4.4.3-b)

H.4 .3 L- SW

g 7.4.4.3-2



i? .... : Mc q

1 ~~16.0) [(8,0)(0.9998) + 0] 03)2(.)0-'
53 ( 64.0 4/2 - (o.32)2(1.o) -- 0

0.000558

aC~~\ S11  (2 oa + 1  i cF E 1) (Equation 7.4.4.3-c)

acF/ 57.3 aH SW -/2 k

= .3 (0,05) '6--". 0 " 4/2 (0.32)[2(0.32) - I]

-0.000100

Solution:

D.
CD& (CD) + (CD) + -t-. - F (Equation 7.4.4.3-a)i~~~ 0. 801Ca CDo \ (F )H

(CD ,0.0085 per deg (Sample Problem, Paragraph A, Section 7.1.4.3)(CD&# W

CD 0.0085 + 0.000558 + (-0.000100) 1.0

0.00896 per degree

B. TRANSONIC

No method is presented.

C. SUPERSONIC

No method is presented.

I

7.4.4.3-3
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7.4.4.4 WING-BODY-TAIL DERIVATIVE Cy.

This section presents a method for estimating the contribution of the vertical tail, in the presence of
the wing and body, to the derivative Cy4 at subsonic speeds. This derivative is the change in
side-force coefficient with variations in the rate of change of sideslip angle at a constant yaw rate
and is defined as

acy
CY. = _ , where Cy is based on Sw.

In general, at low to moderate angles of attack, this derivative is small and has a negligible effect on

lateral stability; hence, it is usually neglected.

A. SUBSONIC

A wing contribution to Cyý can be evaluated by using unsteady-flow theory, but at low to
moderate angles of attack it is generally considered small and is neglected. At low angles of attack
and for attached-flow conditions, the largest contributor to Cyv is the vertical tail. The method
herein applies a sidewash-lag theory in an analogous manner to the downwash-lag theory that is used
in finding the horizontal.-tail contribution to CL&,. The body contribution is small and has been
neglected,

411- For a brief discussion of the physical flow phenomena at high angles of attack, i.e., leading-edge
vortex sheets and flow separation, and a comprehensive bibliography on related subject matter, the
reader is referred to Reference 1.

DATCOM METHOD

Design charts for predicting the change of wing sidewash angle with the change of sideslip angle are
presented as a function of wing geometry, i.e., aspect ratio, sweep, and taper ratio, at Mach numbers
0.2 and 0.8. These design charts were generated from wing loadings in sideslip by using the theory
presented in References 2 and 3.

l The vertical-tail contribution to the derivative Cy4 at low to moderate angles of attack is given by

Sv ( P cos a F + z sin aF) 7.4.4.4-aCy 2 CL u 744.-

0a Sw bw

where

CL is the lift-curve slope of the vertical tail obtained from test data or Section 4.1.3.2.
aV

Sor, is the change of sidewash angle (due only to the wing, i.e., no sidewash due to
fuselage cross flow) with respect to the change in the sideslip angle. This factor can
be estimated by

7.4.4.4-1
a
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or13 = o/3jF +03 O+0 7.4.4.4-b*
'P '.F 57.3 P3O 1 WB

where

0a is the sidewash contribution due to angle of attack, obtained from Figures
Zv

7.4 .4 .4-6a through -6p as a function of - and wing geometry. zv is the
b/2

distance between the wing Z/4 point and the vertical-stabilizer center-of-
pressure location, measured normal to the free-stream direction. For Datcom.
purposes the vertical-tail center-of-pressure location is assumed to be at the
quarter-chord point of the MAC of the total added panel.

= z, cos Ot - V sin a- 7.4.4.4-c

where z P and P are defined below.

is the fuselage angle of attack in degrees.

%ar is the sidewash contribution due to wing dihedral, obtained from Figures

7.4.4.4-22a through -22d as a function of - and wing geometry.

r is the wing dihedral in degrees.

is the sidewash contribution due to wing twist, obtained from Figures
7.4.4.4-26a through -26p as a function of - and wing geometry.

o is the wing twist in degrees between the root and tip sections, negative for
washout (see Figure 5.1.2.1-30b).

a 0B is the sidewash contribution due to the body effect on the wing loading, It is
O3WB ZV

presented as a function of -7 and wing geometry, at three different body-

radius-to-wing-span ratios of 0.06, 0.12, and 0.24. In addition, the wing
position on the body has an effect on this term. However, for Datcom con-
siderations a low-wing position was assumed as shown in Sketch (a). For a
high-wing position as shown in Sketch(b), the sign of a in Figures
7.4.4.4-42a through -42p becomes negative. °WB

*A more accurate result can be'obtained from the equation

s J C' local cv dZ

0

7.4.4.4:-2

i* -• ;+: :+ • •'- .' ",,• •' .+'• -'.S-•'+.• ". J + ,- -.. .-..-....-..-. - " - - -' -
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SKETCH (a)

high-wing position as shown in sketch (b), the sign of j wB in Figures 7.4.4.4-42a through -4 2p
becomes negative.

rz

SKETCH (b)

7.4.4.4-3
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Sv is the vertical-tail area, consistent with the vertical-tail area used to define
CL

aV

S is the wing reference area.

k P is the distance from the wing quarter-chord point to the center-of-pressure
location of the vertical stabilizer, measured parallel to the body center line. For
Datcom purposes, the vertical-tail center-of-pressure location is assumes to be
at the quarter-chord point of the MAC of the total added panel, (See Sketch (a)
of Section 7.4.2.1.)

.z is the distance from the wing quarter-chord point to the center-of-pressure
location of the vertical stabilizer, measured normal to the body center line,
positive for the stabilizer above the body. For Datcom purposes, the
vertical-tail center-of-pressure location is assumed to be at the quarter-chord
point of the MAC of the total added panel.

bw is the wing span.

-. =

Sample Problem

Given: The following wing-body-tail configuration

Wing Characteritics:

A 7 X = 0.25 ALE = 350 Low wing

Sw = 3500 ft2  bw = 156.52 ft 0 = r5 p = 30

Vertical-Tail Characteristics:

CL = 0.055 per deg Sv = 600ft2

z v
- = 0.242
b/2

Additional Characteristics:

k = 60.0 ft zP = 20.Oft a = jO

M =0.8 Body Radius
_______- =0.12
b/2

i a; 7.4.4.4-4
r.



Compute:

Deteriaine u

. . = t a + -• P -a 0+ (Equation 7.4.4.4-b)
0.F 57.3 06~ 'WB

= -0.013 (Figure 7.4.4.4-6k)

Y .=-0.56 (Figure 4.4.4.4.-22d)

a = -0.0113 (Figure 7.4.4.4-26k)

or = 0.07 (Figure 7.4.4.4-42k)

n = (-0.013)(1) + (0. 3 - (-0.0113)(-5) + (0.07)

- -0.013 - 0.0293 - 0.0565 + 0.07

= -0.0288

Solution:
Sv (2 P COS aF + zp sillF)

C.2C = b (Equation 7.4.4.4-a)

2(0.055)(-0.0288) 600I (60)(0.9998) + (20)(0.01745)j

= -0.000209 per deg

B. TRANSONIC

No method is prqsented.

C. SUPERSONIC

No method is presented.
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7.4.4.5 WING-BODY-TAIL DERIVATIVE C,

This section presents a method for estimating the contribution of the vertical tail, in the presence of
the wing and body, to the derivative C14 at subsonic speeds. This derivative is the change in
rolling-moment coefficient with variation in the rate of change of sideslip angle at a constant yaw
rate and is defined as

act
S- . where C, is based on Sw bw

/fOb\WW

In general, at low to moderate angles of attack, this derivative is small and has a negligible effect on
lateral stability; hence, it is usually neglected.

A. SUBSONIC

The wing contribution to C1ý can be evaluated by using unsteady-flow theory, but at low to
moderate angles of attack it is generally considered small and is neglected. At low angles of attack
and for attached-flow conditions, the largest contributor to Cl is the vertical tail. The rolling
moment produced on the airframe by the vertical tail is due to the sidewash. time-lag effects from
the wing. The body contribution is small and has been neglected.

For a brief discussion of the physical flow phenomena at high angles of attack, i.e., leading-edge
vortex sheets and flow separation, and a comprehensive bibliography on related subject matter, the
reader is referred to Reference 1. Reference I also discusses the inadequacy of osci!lating-airfoil
theory and sidewash-lag theory for predicting the vertical-tail contribution to C1ý at high angles of
attack. However, a modified flow-field-lag theory is discussed in Refeience 1 that appears to give
qualitative agreement with experimental data for a current twin-jet fighter configuration.

DATCOM METHOD

The vertical-tail contribution to the derivative Clý at low to moderate angles of attack is given by
Ct• Cv (Z coaF~ - sin

Cb = C z PCos 1tF) 7.4.4.5-a

where

Cy. is the vertical-tail contribution to the derivative Cs, obtained from Section 7.4.4.4.

z P is the distance from the wing quarter-chord point to the center-of-pressure location
of the vertical stabilizer, measured normal to the body center line, positive for the
stabilizer above the body. For Datcom purposes, the vertical-tail center-of-pressure
location is assumed to be the quarter-chord point of the MAC of the total added
panel.
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Q P is the distance from the wing quarter-chord point to the center-of-pressure location
of the vertical stabilizer, measured parallel to the body center line. For Datcom
purposes, the vertical-tail center-of-pressure location is assumed to be at the
quarter-chord point of the MAC of the total added panel. (See Sketch (a) of Section
7.4.2.1.)

oeF is the fuselage angle of attack.

bw is the wing span.

Sample Problem

Given: Same configuration as sample problem of Paragraph A of Section 7.4.4.4.

Compute:

Cy. = -0.000209 (Sample Problem, Paragraph A, Section 7.4.4.4)

CC COS atF b sin C1A (Equation 7.4.4.5-a)

C1. (0.00209)(20)(0.9998) - (60)(0.0175)]
C1. = (-0.000209) [i5 6 .5-I

= -0.0000253 per deg

B. TRANSONIC

No method is presented.

C. SUPERSONIC

No method is presented.

REFERENCE

1. Coe, P. L.. Jr., Graham, A. B., and Chambers, J. R.: Summary of Information on Low-Speed Lateral-Directional Derivatives

Due to Rate of Change of Sideslip J. NASA TN D-7972, 1975. (U)
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7.4.4.6 WING-BODY-TAIL DERIVATIVE Cn.

This section presents a method for estimating the contribution of the vertical tail, in the presence of
the wing and body, to the derivative Cn at subsonic speeds. This derivative is the change in
yawing-moment coefficient with variation in the rate of change of sideslip angle at a constant yaw
rate and is defined as

.C, - where Cn is based on Sw bw.

For most configurations at low to moderate angles of attack, Cný is rather small and can be
neglected in lateral dynamic calculations. However, at high angles of attack for swept- and
delta-wing configurations, Cný can approach the magnitude of Cn, and consequently have large
effects on the calculated dynamic stability of these configurations.

A. SUBSONIC

The wing contribution to Cn can be evaluated by using unsteady-flow theory, but at low to
moderate angles of attack it is generally considered small and is neglected. At low angles of attack
and for attached-flow conditions, the largest contributor to Cn• is the vertical tail. The yawing
moment produced en the airframe by the vertical tail is due to the sidewash time-lag effects from
the wing. The body contribution is small and has been neglected.

For a brief discussion of the physical flow phenomena at high angles of attack, i.e., leading-edge
vortex sheets and flow separation, and a comprehensive bibliography on related subject matter, the
reader is referred to Reference 1. Reference 1 also discusses the inadequacy of oscillating-airfoil
theory and sidewash-lag theory for predicting the vertical-tail contribution to Cn at high angles of
attack. However, a modified flov.-field-lag theory is discussed in Reference 1 that appears to give
qualitative agreement with experimental data for a current twin-jet fighter configuration.

DATCOM METHOD

The vertical-tail contribution to the derivative Cný at low to moderate angles of attack is given by

Cnt = -Cyý Cos •F s bw + 7.4.4.6-a

where

Cy. is the vertical-tail contribution to the derivative Cy, obtained from Section 7.4.4.4.

Qp is the distance from the moment reference center to the center-of-pressure location
of the vertical stabilizer, measured parallel to the body center line. (See Sketch (a) inSection 7.4.2.1.) For Datcom purposes the vertical-tail center-of-pressure loc;ition is

assumed to be at the quarter-chord point of the MAC of the total added panel.
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z P is the distance from the moment reference center to t ie center of pressure of the
vertical stabilizer, measured normal to the body center line, positive for the
stabilizer above the body. For Datcom purposes, the vertical-tail center-of-pressure
location is a ,.sumed to be at the quarter-chord point of the MAC of the total added
panel.

bw is the wing span.

K . is the fuselage angle of attack.

Sample Problem

Given: Same configuration as sample problem of Paragraph A of Section 7.4,4.4.

Compute:

Cyx = -0.000209 (Sample Problem, Paragraph A, Section 7.4.4.4)

C / cos I, : ± Z p sin aFý

C= '. c 0 ) (Equation 7.4.4.6-a)
Y"- bw/

= (60)(0.9998) + (20)(0.01745)
-(---0.000209 -. 156.52

+= 0.0000805 per deg

B. TRANSONIC

No method is presented.

C. SUPERSONIC

No method is presented.

REFERENCE

1. Coe, P. L., Jr., Graham, A. B., and Chambers, J. R.: Summary of Information on Low-Speed Lateral-Directionai Darivatives
Due to Rate of Change of Sideslip/j. NASA TN D-7972, 1975. (U)
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