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6.1.1.1 SECTION LIFT EFFECTIVENESS OF HIGH-LIFT AND CONTROL DEVICES

Lift effectiveness is defined and used in the literature in several ways. For linear systems, the rate of
change of lift with control or flap deflection at constant angle of attack is frequently used. This

parameter is defined as
ac
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In cases where nonlinear effects must be accounted for, it is customary to use lift increments for
flap deflections at constant angle of attack. Another convention frequently used is the rate of
change of zero-lift angle of attack with flap deflection.
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Again, for nonlinear characteristics, increments in angle of attack at zero lift are used. Several of
these definitions of lift effectiveness are used in this section, depending upon the particular device
being discussed.
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In the linear-lift range, oz can be obtained from Cg,, and vice versa, by means of Equations
6.1.1.1-aand 6.1.1.1-b.

The methods presented in this section are limited to subsonic flow.

A. TRAILING-EDGE FLAPS

Trailing-edge flaps operating in the linearlift range change the lift of the basic airfoil by changing
the effective airfoil angle of attack. The means by which each type of flap accomplishes this end is
discussed in the following paragraphs. Various types of flaps in common usage are illustrated in
Section 6.1.1.3.

Plain Trailing-Edge Flaps

For plain, sealed trailing-edge flaps the theoretical derivative ¢, is a function of flap-chord-to-
wing-chord ratio and airfoil thickness ratio. Increasing airfoil thickness increases the theoretical lift
increment for a given flap deflection.

The boundary layer for plain flapped airfoils is shed at the trailing edge of the flap. Lift increments
are therefore sensitive to the conditions of the boundary layer — the thicker the boundary layer the
lower the value of ¢y, derived from the flap. Since boundary layers are thicker on thick airfoils than
on thin airfoils, actual cq, values tend to be lower for the thick airfoils.

In general, for a given increase in airfoil thickness ratio the reduction in ¢o, due to viscous effects is
greater than the increase in cq as predicted from inviscid-flow theory In the charts of this section,
viscous effects are accounted for by using the experimental lift-curve slope as a parameter, since cg_
is influenced by viscous effects in the same manner as ¢y, .

Because of the sensitivity of plain flaps to the boundary layer, the flow separates over the flap
surface at relatively small deflection angles. The linear range of cg, for plain flaps is therefore
limited to the range from 0 to 10° or 159 of flap deflection. An empirical correction factor is
applied in this section to account for the nonlinear effects at high flap deflection.
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Slotted Trailing-Edge Flaps

For efficiently designed slotted trailing-edge flaps the airfoil boundary layer is shed at the slot lip
and a new boundary layer forms over the flap surface. The lift derived from efficiently designed
slotted flaps is therefore not affected by the boundary layer of the basic airfoil. Experimental data
for slotted flaps support this observation.

Fowler Flaps

Many flap designs have been developed in which the instantaneous center of rotation moves
rearward as the flap deflects. An example of such a flap is the Fowler flap.

Aerodynamically, Fowler flaps function in the same way as single-slotted flaps. Additional lift
benefits are derived from such flaps because of the increase in planform area due to flap translation.

The effect of translation can be approxifnated by calculating the increase in airfoil chord as a
function of flap deflection.

Split Flaps

The deflection of split trailing-edge flaps causes a wide wake to appear behind the airfoil. This wake
prevents the realization of the full increase in circulation due to flap deflection. The rate of increase
of lift with flap deflection is therefore lower than that for the corresponding plain flap. The rate
also decreases continuously with increasing flap deflection, because the wake widens as the flap
deflection is increased.

B. JET FLAPS

The term jet flap has been used to describe a propulsive jet emitted from the wing trailing edge as a
plane jet at an angle of inclination to the mainstream. In three dimensions, the jet is distributed in
the spanwise direction on a wing. Such an integrated jet-flap system is depicted schematically in
Sketch (a), along with a definition of the section jet momentum coefficient C,,.

In order that the Datcom user may better understand the jet-flap concept, a brief discussion
covering the salient aspects of the jet-flap principle is presented. This general discussion is taken
essentially from References 1 and 2.

‘The primary objective of a jet-flap system is to increase significantly the lift component beyond
that which a conventional mechanical flap system can possibly attain. The lift of a jet flap can be
attributed to three different sources as follows:

1. Directlift component of the jet reaction. This is directly proportional to the jet
momentum emitted at the trailing edge.

2. Circulation generated around the airfoil. Since the amount of circulation greatly exceeds
that of a corresponding pure airfoil, it is sometimes termed supercirculation. Physically,
this additional increase in lift may be explained as follows: The air on the upper surface
of the airfoil is drawn down by the deflected jet, creating a suction, while the air flow
below is blocked by the jet, producing pressure. Both effects tend to increase lift on the
airfoil. Scientists investigating jet lift prefer to call this circulation effect the
magnification of the direct jet lift.

3. Automatic boundary-layer control. The jet tends to prevent the flow above the airfoil
from separating by reducing the adverse pressure gradient which the boundary layer must
negotiate. Some reduction of the adverse pressure gradient can be attributed to the jet

entrainment.
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C, is the section nondimensional traili.ng-edge jet momentum coefficient.

m. is the mass-flow rate of the gas efflux (per section).

V. is the velocity of the gas efflux leaving the trailing edge of the airfoil.

J is the jet momentum; i.e., the product of m, and Vj.

p  isthe density of the free stream.

V  is the velocity of the free stream.

¢ isthe airfoil chord.

c is the extended airfoil chord (see Figures 6.1.1.1-44 through -46 and Figure 6.1.1.148).

q  is the free-stream dynamic pressure.
SKETCH (a)

The above effect that dominates the lift contribution depends on the magnitude of the jet
momentum. The boundary-layer control effect is most significant when the jet momentum is small
(C, < 1), while the supercirculation effect predominates when the momentum is moderate or large.

With respect to the supercirculation, the downward extending jet acts generally in a manner similar

to that of a mechanical flap. Although the jet sheet extends downstream to infinity, only its initial
portion, before it has been curved around so as to become almost straight, could significantly affect
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the flow. Therefore, its effect is analogous to some specific mechanical flap of finite extension. As
the jet momentum is increased, the jet would penetrate farther into the mainstream, corresponding
to a larger mechanical flap. The name “jet flap™ was derived from such analogy.

The basic jet-flap scheme, often referred to as an internal-flow system, essentially requires the gas to
be ducted through the wing either to the trailing edge or to a slot at the knee of a flap which is used
for varying the jet angle. Several alternatives to the basic jet-flap scheme have been devised for
directing the gas efflux to the trailing edge. Some of these concepts are shown in Sketch (b). For
the extemnal-flow system shown in Sketch (b), the gas from the engine is ducted or directed outside
the wing. With an underslung podded engine, the round jet may be guided to impinge on a
mechanical flap system and form a flattened jet sheet. Alternatively, with the engine mounted on
the top, the exit nozzle may be elongated spanwise to generate a plane jet sheet. Another approach
shown in Sketch (b) is the augmentor-wing concept. With this scheme the jet efflux can also be used
to drive an ejector system that will, in turn, augment the thrust by the entrainment of the
freestream flow.

The fact that all these concepts exhibit a flat jet sheet at the trailing edge, which characteristically
has the same effect of inducing supercirculation, provides the basis for a common theoretical
analysis.

The analysis of jet-flap problems inherently requires that the wing and jet be treated as an
integrated system. Thus far, theoretical treatments of jet-flap aerodynamic probiems have been
based on linearized smali-disturbance concepts. In the context of linearized theory, the basic
difference between the jet wing and a conventional wing is that, in addition to the wing planform,
the jet sheet itself should be regarded as a discontinuity sheet in longitudinal velocity. Roughly
speaking, the jet-flapped wing may be treated as if the wing planform were extended to infinity.
Unfortunately, the shape of the jet sheet, unlike that of the wing, is not known. Thus a dynamic
boundary condition must be introduced for the jet, in contrast to the kinematic boundary
condition for the wing. Therefore, the development of an analytical solution for aerodynamic
characteristics of a jet-flapped wing encounters two difficulties. One is due to the mixed boundary
conditions: the other is due to the fact that the boundary conditions are prescribed over a region of
semi-infinite extent. An elegant solution for the two-dimensional jet-flap problem has been obtained
by Spence in References 3 and 4. His approach is based on the assumptions that the flows inside
and outside the jet are irrotational and at constant, although not necessarily equal, densities. Since
entrainment into the jet is neglected, it can be regarded as if bounded by streamlines. These
simplifications enable a relation between the pressure differences across the jet and its curvature to
be found. The limiting case of a thin, high-speed jet is considered by assuming that the jet has zero
thickness but finite momentum. Airfoit thickness is neglected, the airfoil and jet are assumed near
zero angle of attack, and the airfoil and jet boundary conditions are transferred to the semi-infinite
line through the trailing edge and parallel to the undisturbed flow. The result of these
approximations is the representation of the flow by a mixed-boundary-value problem on this
semi-infinite line. Spence has obtained three basic solutions: angle of attack, flap deflection, and jet
deflection. Close agreement has been obtained between Spence’s theory and the experimental
results of Dimmock (Reference 5) over the range of jet momentum and jet deflection angles of
practical interest.

Several experimental and theoretical studies have been conducted to investigate the effects of
ground proximity on jet-flapped wings. Insofar as theoretical methods are concerned, however, only
a simple mathematical representation of the two-dimensional jet-flap airfoil has been formulated
(Reference 6).
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INTERNALLY DUCTED BLOWING OVER
JET FLAP MECHANICAL FLAP

EXTERNALLY BLOWN
JET FLAP AUGMENTOR WING

EXTERNALLY
DUCTED JET FLAP MULTI-FAN ON FLAP

SKETCH (b)
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(. LEADING-EDGE FLAPS AND SLATS
Leading-Edge Flaps

Leading-edge flaps change the {ift of an airfoil by changing the effective angle of attack in the same
way that trailing-edge flaps do. Unlike trailingedge flaps, however, a positive leading-edge-flap
deflection (nose down) causes a loss in lift instead of an increase in lift. In general, the change in lift
per degree of flap deflection is smaller for leading-edge flaps than for trailing-edge flaps.

Leading-edge-tlap effectiveness is not affected by the airfoil boundary layer.

Leading-Edge Slats

The lift parameter cq, for leading-edge slats is affected by two factors. First, the deflection or
rotation of the slat causes a loss in lift similar to that of leading-edge flaps. Secondly, slat extension
or transiation increases the planform area.

D. SPOILERS

Spotlers are generally used for two reasons — for roll control when deflected asymmetrically and for
high drag generation when deflected symmetrically. Only the section-lift aspects of spoilers are
discussed herein.

Many types of spoilers have been developed, depending upon control-power limitations, structural
limitations, and aerodynamic requirements. Some of the more commonly used types are illustrated
in Sketch (c).

e G R -
PLUG SPOILER FLAP SPOILER SLOTTED SPOILER

SKETCH (¢) TYPICAL SPOILER ARRANGEMENTS

Unlike flaps, spoilers operate by causing a loss in airfoil lift — rather than an increase — by
separating the flow downstream. The effective angle of attack is decreased and the lift
correspondingly reduced. There are two viewpoints that can be used in explaining the operation of
spoilers. One is to consider the pressure field over the airfoil and the other is to consider the effect
of the spoiler on the wake pattemn. These viewpoints are discussed in the following paragraphs.

For flap- and plug-type spoilers the pressure loading forward of the spoiler (difference in upper- and
lower-surface pressures) is reduced, and the local lift is reduced accordingly. Aft of the spoiler the
pressure loading is increased because of high suction pressures behind the spoiler on the upper
surface. The increase in lift aft of the spoiler, however, does not offset the decrease in lift forward
of the spoiler, and a total loss in lift results. These phenomena are illustrated in Sketch (d).

6.1.1.1-6



UNDEFLECTED SPOILER
— — — SPOILER DEFLECTED

SKETCH (d) TYPICAL AIRFOIL PRESSURE DISTRIBUTION FOR PLUG-TYPE SPOILER

For large spoiler deflections a wide wake exists behind the spoiler, the width of which depends
upon spoiler height, location,and airfoil angle of attack. The lift generated from the airfoil is related
to the width and direction of the wake with respect to the free stream.

At subsonic and transonic speeds the wake characteristics vary nonlinearly with angle of attack and
spoiler deflection. Therefore, the corresponding lift characteristics are also nonlinear, as shown in
Sketch (e). The loss in effectiveness at high angles of attack should be noted. This loss, which is
particularly pronounced for thin wings, can be greatly alleviated by the use of leading-edge flaps
(Reference 7) or by incorporating a slot behind the spoiler, as discussed below (Reference 8).

20

/\ SPOILER DEFLECTED
UNDEFLECTED SPOILER

SPOILER EFFECTIVENESS

SKETCH (e) TYPICAL LIFT CURVES FOR PLUG-TYPE SPOILER

For small deflections of plug- and flap-type spoilers, the flow reattaches behind the spoiler and the
spoiler becomes ineffective. This generally occurs for spoiler deflections less than one percent of the
airfoil chord. This problem is discussed in detai! in Reference 9.
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One commonly used variation of the flap-type spoiler is the slotted spoiler with a deflector on the
lower surface (see Sketch (c)). This system has several advantages. First, the air that is ducted from
the underside of the airfoil relieves the upper-surface suction pressures behind the spoiler and
increases the spoiler effectiveness. Secondly, the problem of flow reattachment does not occur for
small spoiler deflections. Thirdly, the opposing aerodynamic loads on the spoiler and deflector can
be used to achieve low actuation power requirements.

The informatidn presented in this section is limited to the region near zero lift, where the spoiler lift
characteristics are essentially linear with angle of attack.

DATCOM METHODS
A. TRAILING-EDGE FLAPS
Plain Flaps

The section lift increment due to the deflection of plain trailing-edge flaps with sealed gaps, based
on the method of Reference 10, is given by

(cﬂs )mm K' 6.1.1.1c

where

(cga) is the theoretical flaplift effectiveness from Figure 6.1.1.1-39a for a given airfoil
theory  thickness ratio and flap-chord-to-airfoil-chord ratio.

C
£
&
TV is an empirical correction factor obtained from Figure 6.1.1.1-3%b
( 2s)thmry
The parameter c,z“/ (Cﬁa theory used in reading this chart is obtained from Section
4.1.1.2 (Figure 4.,1.1.2-8a).
B¢ is the flap deflection.
K' is an empirical correction factor from Figure 6.1.1.1-40. This factor has been

derived from a large body of test data {References 11 through 28). [t corrects Ac,
for nonlinear effects at high flap deflections.

This method does not include the effects of unsealed gaps, beveled trailing edges, or compressibility.

In general, the effectiveness of the control is reduced when the gap is unsealed. This effect is more
pronounced for airfoils with beveled trailing edges than for airfoils with true-contour trailing edges.

The method may be applied to true-contour airfoils or airfoils with slightly modified trailing-edge
contours. The method should not be applied to airfoils with beveled trailing edges. Not enough
experimental data are available to allow a quantitative prediction of the effect of bevel. However,
the data do show a decrease in control effectiveness with increasing bevel.
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Compressibility will have serious effects on the lift effectiveness of plain trailing-edge controls.
Experimental data (References 17, 18, and 57 through 59) show decreases in lift effectiveness up to
one half the low-speed values at high subsonic speeds. Although there are not enough data to allow
a quantitative prediction of compressibility effects, they do demonstrate significant effects of airfoil
thickness, control size, and trailing-edge angle on the control effectiveness as the Mach number is
increased. The onset of an abrupt loss in control effectiveness is delayed to higher Mach numbers by
a reduction in airfoil thickness (References 58 and 59), an increase in control size (Reference 17),
or a reduction in trailing-edge angle (References 56 and 57).

A comparison of low-speed test data with Acg of plain-flapped airfoils calculated by this method is
presented as Table 6.1.1.1-A.

Single-Slotted Flaps

Two methods are presented for estimating the section lift increment due to the deflection of
single-slotted flaps. Both methods are applicable in the high-flap-deflection range and limited to the
low-speed regime. Method 1 is preferable when test data are available for the section lift-curve slope
of the unflapped airfoil. When no section lift-curve-slope test data are available, Method 2 should be
used.

Method 1

The section life increment due to the deflection of single-slotted flaps is given by

Acg = _cgaaa 451, 6.1.1.1d

where

cg, is the section lift-curve slope of the unflapped airfoil, including the effects of

compressibility, obtained from test data or Section 4.1.1.2.

o is the section lift-effectiveness parameter of single-slotted flaps obtained from the
empirical correlation of Figure 6.1.1.1-41. This parameter, based on the data of
References 29 through 50, is presented as a function of flap deflection for several values
of the ratio of flap chord to airfoil chord c¢/c.

8¢ is the flap deflection.

A comparison of test data with Acy due to single-slotted flaps calculated by this method is
presented as Table 6.1.1.1-B.

Method 2

This method (Reference 70) uses the theoretical lift effectiveness of a simple trailing-edge flap as
obtained from thin-airfoil theory, modified by an empirical lift-effectiveness parameter. The
section-lift increment due to the deflection of single-slotted flaps is given by

!

c
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where

Coy 1S the theorctical lift effectiveness from thin-airfoil theory of a simple trailing-edge flap,

obtained from Figure 6.1.1.1-42 as a function of flap-chord ratio c¢;/c (see
Figure 6.1.1.1-44 for a geometric representation of c; /c).

8¢ is the flap deflection in degrees.

ny is the empirical liftefficiency factor for single-slotted flaps, obtained from
Figure 6.1.1.1-43a as a function of the effective turning angle @,

where

D=8t by 6.1.1.1f

where

6.1.1.1-g

Yo, - Y
¢TE = tan ! ( X 103)

0.10

Y,, is the upper-surface ordinate of the flap at 90% chord in the
retracted position, in fractions of the chord.

Yo Is the upper-surface ordinate of the flap at 100% chord in the
retracted position, in fractions of the chord.

L

(% is the ratio of the extended-wing chord to the basic wing chord. (See Figure 6.1.1.1-44
€ for a schematic definition.)

A comparison of test data with Acy due to singleslotted flaps calculated by this method is
presented as Table 6.1.1.1-C. These data are the same data that appear in Table 6.1.1.1-B.

It is virtually impossible to present quantitative information on the effects of the various geometric
and aerodynamic variables involved because of the lack of systematic experimental data. Although a
large body of test data is available, the data consist of a large number of unrelated combinations of
airfoils and slotted flaps. The configurations listed in Table 6.1.1.1-B include wide variations in

chordwise position of slot lip, slot-entry shape, slot-lip shape, flap-nose shape, and position of the
flap with respect to the slot lip.

Because of the number of variables involved and the design parameters not considered in the
Datcom methods, the comparison between theory and experiment cannot be analyzed by
examining the isolated effect of any one variable.

Fowler Flaps
Section lift increments for Fowler flaps are obtained by using the methods presented for

single-slotted flaps. Fowler flaps are included in the empirical correlation of slotted-flap lift
effectiveness in Figure 6.1.1.1-41 of Method 1. It should be noted, however, that this design chart
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applies only when the Fowler flap is near its fully extended position and the slot is properiy
developed. Method 2 predicts an increase in lift increment that is directly proportional to the ratio
of the extended chord to the retracted chord.

Not enough test data for airfoils are available to fully substantiate these methods. However, the
accuracy of the methods when applied to Fowler flaps near their fully extended position and with a
properly developed slot should be comparable to that shown for the single-slotted flap methods in
Tables 6.1.1.1-B and 6.1.1.1-C.

Double-Slotted Flaps

Two methods, taken from Reference 70, are presented for estimating the section lift increment due
to the deflection of a double-slotted flap. Both methods are applicable in the high-flap-defiection
range and limited to the low-speed regime. Method 1 is applicable to the conventional
vane-plus-aft-flap configuration as shown in Figure 6.1.1.1-45 where ¢, /c, <0.60. Method 2 is
applicable to a double-slotted configuration where the two flap-chord segments are approximately
equal (see Figure 6.1.1.1-46). This configuration is referred to as a double-deflected flap in several
references.

Method 1

The section lift increment due to the deflection of double-siotted flaps of the conventional
vane-plus-aft-flap combination is given by

P A TN 5, +5 \[< 6.1.1.1-h
G =m asfl [y - chnafz(fl fz)c

where
Ny Ty are the empirical lift-efficiency factors for the vane and aft-flap segments
obtained from Figure 6.1.1.1-43a, based on ¢, /c and 02/ c, respectively, and the

effective tuming angle &,

where

P

5 + vane segment
£ ¢T5uppe. ( g )

&

5§, +686. + flap segment

1

and ¢ ¢ is defined in Equation 6.1.1.1¢.
upper

Cegp Co5¢ are the theoretical lifting-efficiency factors for the vane and aft-flap segments
! 2 obtained from Figure 6.1.1.1-42 and based on ¢, fc and <, [c, respectively.

All remaining parameters are illustrated and defined in Figure 6.1.1.1-45.

A comparison of test data with Ac, due to doubleslotted flaps calculated by this method is
presented in Table 6.1.1.1-D.
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Method 2

The section lift increment due to the deflection of double-slotted flaps with approximately equal
flap-chord segments is given by

c.r C‘ - ca
ACR =M CQ6f 5['1 ("2') + ™ cEﬁf 6r2(] + c ) 6.1.1.14
1 2
where
m.M, are the empirical lift-efficiency factors for the forward- and aft-flap segments

obtained from Figure 6.1.1.1-43a, based on c] /c and ¢, /c, respectively, and the
effective turning angle &,

where

¢ = Gf + drp {forward segment)
1 upper
d =5 + ft
f, q&.mupper {(aft segment)
and érg is defined in Equation 6.1.1.1g.
upper

Cog o 1Co5, are the theoretical lifting-efficiency factors for the forward- and aft-flap

i 2 segments obtained from Figure 6.1.1.1-42,based on c; /c and ¢, Jc, respectively.

7, is the tuming-efficiency factor of the aft flap obtained from Figure 6.1.1 .1-43b,
based on the forward- and aft-flap-deflection angles.

All remaining parameters are illustrated and defined in Figure 6.1 .1.1-46.

No substantiation table is presented for this method because of the lack of test data for this type of
configuration. However, for those cases that have been evaluated, the accuracy of the method is
analogous to that of Method 1 above.

The double-slotted flap may be defined as a single-slotted flap with a turning vane in the slot.
Consequently, the important design parameters for double-siotted flaps are more complicated than
those for single-slotted flaps, particularly in relation to determining the efficiency of flow through
the slot. As in the case for single-stotted flaps, a lack of systematic test data precludes quantitative
examination of the effects of the various geometric and aerodynamic variables involved.

Because of the design parameters not considered in the Datcom method, the comparison between
theory and experiment cannot be analyzed by examining the isolated effect of any one variable.
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Split Flaps
The section lift increment due to the detlection of split flaps is given by
Ac, = fcga o, b; 6.1.1.14

where

Ce, 18 the section lift-curve slope of the unflapped airfoil, including the effects of
compressibility, obtained from Section 4.1.1.2.

«. is the section lift-effectiveness parameter of split flaps obtained from the empirical curves
of Figure 6.1.1.1-47. This parameter, based on the curves presented in Reference 53, is
presented as a function of flap deflection for several values of the ratio of flap chord to
airfoil chord c/c.

8 is the flap deflection, measured tangent to airfoil lower-surface contour at trailing edge.

¢
A comparison of test data with Ac, due to split flaps calculated by this method is presented as
Table 6.1.1.1-E.

B. JET FLAPS

Methods that are adaptable to a handbook application are not available for all jet-flap schemes. The
method presented below is applicable to the pure jet-flap concept and the internally-blown-flap
(IBF) and externally-blown-flap (EBF) concepts with ‘a plain trailing-edge flap. For an IBF or EBF
concept with a single-slotted or multislotted flap configuration, this method should be used only as
a first approximation. No handbook method is currently available to analyze the section lift
increment due to an augmentor-wing concept.

The method presented herein is a combination of methods presented in References 2 and 70 (based
on Spence’s theoretical results). The pertinent geometrical parameters are defined and illustrated in
Figure 6.1.1.1-48. No substantiation of the method is presented herein; however, the method has
been acknowledged as being substantiated in the literature (References 1 and 4).

This method is capable of estimating the lift increments in the linear-lift range {preferably at zero
angle of attack) for three types of configurations:

1. Pure jet fiap
2. 1BF or EBF

3. Combination jet-flap and plain-flap deflection (see Figure 6.1.1.1-48)

It is of particular interest to note that the factor [1 + k(t/c’)] in Equation 6.1.1.1k below corrects
the pressure lift contribution for thickness effects, under the constraint of no trailing-edge
separation. No values for the lifting-efficiency factor are available as a function of flap setting and
jet momentum coefficient. For this reason, the user must exercise caution not to apply the method
to conditions where trailing-edge separation exists and/or low values of jet momentum coefficient
prevail.
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It should be noted that the flap-chord value Cr/C' used in Figure 6.1.1.1-49 is not the true
mechanical flap length for flaps with Fowler-type motion. For Fowler-type flaps, the flap chord is
the length from the flap trailing’edge to the intersection of the flap-chord and wing-chord lines.

The section lift increment due to flap deflection and jet efflux of a jet-flap combination, based on
the retracted airfoil chord c, is given by

where

6.1.1.1-14

t . , ¢
+[1+kt (C—)] 5, (cgsjmcu)+cﬂ 53.}; 6.1.1.1-k

is the airfoil-theory thickness factor; i.e.,
k, =1.0 for elliptic airfoils

= 0.637 for parabolic airfoils

For airfoil sections other than elliptic or parabolic, a value of 0.80 for k, is suggested
(Reterence 70).

is the airfoil thickness ratio, based on the extended chord; see Figure 6.1.1.1-48.

is the rate of change of section lift coefficient with respect to flap deflection obtained
from Figure 6.1.1.1-49 as a function of the trailing-edge jet momentum C,,” and the ratio
of the flap chord to the extended wing chord c¢;/c’. (The term ce, appearing in
Figure 6.1.1.1-49 is the jet-flap lift-curve slope uncorrected for thickness effects.)

As noted above, the flap-chord value c; is the length from the flap trailing edge to the
intersection of the flap-chord and wing-chord lines.

is the section nondimensional trailing-edge jet-momentum coefficient based on the
extended airfoil chord (defined in Sketch {a) of this section).

is the flap deflection in radians, see Figure 6.1.1.1-48.

. is the rate of change of section lift coefficient with respect to the jet deflection obtained

from Figure 6.1.1.1-49 as a function of the trailing-edge jet momentum C"'.

is the trailing-edge jet momentum angle in radians, with respect to the trailing-edge
camber line, see Figure 6.1.1.1-48.

is the ratio of the extended wing chord to the retracted wing chord.



C. LEADING-EDGE FLAPS AND SLATS

The available experimental section characteristics for leading-edge devices (References 15, 69, and
76) are insufficient to allow substantiation of the methods presented. However, the methods should
provide results that are suitable for first approximations for flapped airfoils with geometric
parameters within the boundaries of thin-airfoil theory. Consequently, the methods are considered
applicable for airfoil-flap configurations with t/c < 0.10 and with small flap deflections, in the
linear-lift range (preferably at zero angle of attack).

It should be noted that the co, values for all leading-edge devices are of opposite sign from the
values for trailing-edge flaps.

Leading-Edge Flaps

The method presented below is taken from Reference 70 and is based on thin-airfoil theory. The
section lift increment due to leading-edge flap deflection is given by

bg 6.1.1.1-1

where

c, is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a
®  function of the nose-flap-chord to wing-chord ratio cr/c.

8; isthe nose-flap deflection in degrees, as shown in Figure 6.1.1.1-51.
Krueger Flaps

The method presented below is a modification of the method presented immediately above
(Reference 70), to account for the chord extension associated with Krueger leading-edge devices.

No substantiation of this method is presented because of the lack of test data. The section lift incre-
ment due to a Krueger leading-edge flap deflection is given by

o
y S 6.1.1.1-m

5

where

Ce, is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a
function of the Krueger flap-chord to wing-chord ratio cr/c.'

b, is the Krueger flap deflection, in degrees, as shown in Figure 6.1.1.1-51.

*

C

Y is the ratio of the extended wing chord to airfoil chord as shown in Figure 6.1.1.1-51.
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Leading-Edge Slats
The method presented here is a modification of the method presented for leading-edge flaps

(Reference 70); i.e., it is modified to account for the chord extension associated with leading-edge
slats. The section lift increment due to a leading-edge slat deflection is given by

Ac, = ¢ Sfc— 6.1.1.km

where

is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a
function of the leading-edge-slat-chord to wing-chord ratio Cr/ c.

CQ'S

8, is the slat deflection, in degrees, as shown in Figure 6.1.1.1-51.

r

% is the ratio of the extended wing chord to airfoil chord as shown in Figure 6.1.1.1-51.
D. SPOILERS

The section lift increment due to either plug or flap spoilers is given by
Ac, = —¢, A 6.1.1.1-n

where

Ce, 18 the lift-curve slope of the basic airfoil, including compressibility effects, from Section
4.1.1.2.

Aa is the spoiler lift-effectiveness parameter expressed in terms of change in zero-lift angle of
attack from Figure 6.1.1.1-52. This design chart, taken from Reference 55, was
developed from data obtained by testing a series of airfoils with various plug-spoiler
configurations.

In Figure 6.1.1.1-52, the parameter x_ is the distance from the nose of the airfoil to the spoiler lip,
and h_ is the height of the spoiler measured from and normal to the airfoil mean line at x_.

Experimental section characteristics (Reference 77) for airfoils with plain or plug spoilers are too
meager to allow substantiation of this method. However, if a reliable value of ¢q  is used, the
method should provide results that can be used with confidence within the limitations of the design
chart for determining Ao .

The lift effectiveness of a slotted spoiler with a deflector on the lower surface is greater (causes

larger Lift loss) than that of plug and flap spoilers. No known method is available for predicting the
section lift effectiveness of slotted spoilers.
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Sample Problems
1. Plain Trailing-Edge Flap

Given: The flapped airfoil of Reference 13.

NACA 0009 airfoil cfc = 0.20 8, = 50°
tan-;-dn_: = (.099 (streamwise airfoil geometry)
Compute:
(Cg ) = 3.6] perrad = 0.063 per deg {Figure 6.1.1.1-39a)
&/ theory
cga
s =(.837 (Figure 4.1.1.2-8a)
( ga)t.hmry
c,zls
. = (.725 (Figure 6.1.1.1-39b)
( Qs)theory
K' = 0.543 (Figure 6.1.1.1-40)
Solution:
c,l‘5
Ac, = & ' E i .11
C (c%)mmnf K {Equation 6.1.1.1-c)

f
(028) theory

i

(50) (0.725) (0.063) (0.543)

= 1.24

This compares with a test value of 1.15 from Reference 13.
2.  Single-Siotted Trailing-Edge Flap (Method 1)
Given: The flapped airfoil of Reference 41 with the slot lip at 0.84 c.

NACA 65-210 airfoil cle = 0.25 5, = 50°

Low Speed; 8 = 1.0 R, = 6.0x 10¢

1
tan-z—qt)'TE = (.084 (streamwise airfoil geometry)

R, = 2.76 x 10°
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Compute:

¢, (Section4.1.1.2)
[+ 4
C
. = 0879 (Figure 4.1.1.2-8a)
(Cga)theory
(c:,2 ) = 6.78 per rad (Figure 4.1.1.2-8b)
a ltheory
C
1.0 ¢
¢ = —-5- - <, ) (Equation 4.1.1.2-a)
« ,3 Ce ( aftheory
( a)t.heory
1.05
= ————-l 0 (0.879) (6.78)/57.3 = 0.109 per deg
a, = —0.300 (Figure 6.1.1.1-41)
5
Solution:
Ag, F —c, @ 8¢ (Equation 6.1.}.1-d)
[+'3

—(0.109) (-0.300) (50)
= 1.64

This compares with a test value of 1.73 from Reference 41.

3.  Single-Slotted Trailing-Edge Flap (Method 2)

Given: The flapped airfoil of Reference 41 with the slot lip at 0.84 ¢
(same sample problem as presented for Method 1)

C

f 13
NACA 65-210 airfoil — =025 < = 1.078
c
Yy, = 0.01327¢ Yig0 = 0 8 = 50°
Low Speed; B = 1.0
Compute:
c, = 0.0668 per deg (Figure 6.1.1.1-42)

[
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Y, - Y
¢ = tan~! (._90.___192) (Equation 6.1.1.1-g)
TEupper 0.10

- tan-! ( 0.01327 — 0)

0.10
= 7.56°
© =8t by (Equation 6.1.1.1-f)
= 50+ 7.56 = 57.56°
n, = 0455 {Figure 6.1.1.1-43a)
Ac, = CQ& 8, nlic’ (Equation 6.1.1.1-e)

(0.0668) (50) (0.455) (1.078)

= l.64
This compares with a test value of 1.73 from Reference 41.
4. Double-Slotted Trailing-Edge Flap (Method 1)

Given: The flapped airfoil of Reference 64.

NACA 64-208 airfoil c,/fc = 0.056 c,/c = 0.25 ¢fle = 1.127
M= 018 8¢ = 250 5, = 259 =0
. 1 fz
Yoo = 0.01067¢ Y0 = 0
Compute:
c,25 = 0.0327 per deg (Figure 6.1.1.1-42)
f
C, = 0.0668 per deg (Figure 6.1.1.1-42)
5f2
é ot 20" Y100 (Equation 6.1.1.1-g)
TEupper 0.10 q el

- pan-1 [2:01067 - 0
0.10

= 6,10
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P = + ne segment
Gfl ¢TEupper (vane segment)
= 25+6.1 = 31.1°
=§. +8 + flap segment
¢ fl f2 ¢TEuppe! ( ap seg )
= 25+25+6.1 = 56.1°
m = 0.640
(Figure 6.1.1.1-43a)
= 0.470
[ ™ +Cl cl
Acp_ = 7?1 CQ af (-—) + "?2 Cﬂ (8f +5r ) ("_ (Equation 6.1.1.l'h)
afl 1 c sz 1 2 C

(0.640) (0.0327) (25) (1.056) + (0.470) (0.0668) (50} (1.127)

0.552+ 1.770

= 2.32

This compares with a test value of 2.07 from Reference 64.

5. Double-Slotted Trailing-Edge Flap (Method 2)

Given: The flapped airfoil of Reference 78.

NACA 23012 airfoil c’l fc = 0.40 o, fc = 0.2566
cjje = 1.10 cje = 114 b = 30° 5, = 20°
1
Low Speed; B = 1.0 Yy, = 0.0168c Y90 = 0.0013¢
Compute:
C = (0,082 per deg (Figure 6.1.1.142)
bg

0.0672 per deg (Figure 6.1.1.1-42)

o
I
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) = tan~! —E()—:—Yﬂ (Equation 6.1.1.1
TEupper 0.10 4 né.l.1.1-g)
. 0.0168 — 0.0013
= tan
0.10
= 8.8°
b = 5f1 + ¢TEupw (forward segment)

30+ 8.8 = 38.8°

d = 6f2 + dre (aft segment)
upper
= 20+8.8 = 28.8°
= 0.69
(Figure 6.1.1.1-43a)
7, = 0.71
n, = 0.84 (extrapolated from Figure 6. 1.1.1-43b)

L r I

c ¢ —c '
Ac, = ny ¢ B Sy Y nmc T (1 : (Equation 6.1.1.1-1)
b, 1\ ¢ b, 2 c

(0.69) (0.082) (30) (1.10) +(0.71) (0.84) (0.0672) (20) [ +(1.14 — 1.10)]

1.867 + 0.834

H

= 2.70
This compares with a test value of 2.69 from Reference 78.
6.  Split Trailing-Edge Flap

Given: The flapped airfoil of Reference 75

5 = 60° NACA 23012 airfoil ctlc = 0.40
c, = 0.107 per deg (test data)
[+
Compute:
a = —0.30 (Figure 6.1.1.1-47)

(]

6.1.1.1-21



Solution:

Ac, = —¢, o, 8 (Equation 6.1.1.1-j)

1

—(0.107) (—0.30) (60)
= 1.92

This compares with a test value of 1.71 from Reference 75.

7. et Flaps

Given: The pure jet-flap configuration of Reference 5.

{
Elliptic airfoil —= 0.125 C =40 — = 1.0
c u- c
¢
— =90 6, =0 a=0 5. = 31.4°
c : i
Compute:

k, = 1.0 (elliptic value)

K2
il

. 9.60 per rad (Figure 6.1.1.1-49)
[ t
Ac, = 1 +k, (?) 8¢ c“sr -G )+ ¢, 8

t ’ ’ C' -
+ |1+ kt(?)] ﬁj (C"aj - C“) + Cuﬁj . (Equation 6.1.1.1-k)

Since ch = 0, the first two terms drop out.

31.4 .
[1+(1.0)(0.125)] 573 (9.60 -4.0)+4.0 (—:ﬁi)

Ac, 57.3

3.452+2.192

1]

1]

5.64 (based on ¢)

This compares with a test value of 5.59 from Reference §.
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8. lLeading-Edge Flaps

Given: The flapped airfoil of Reference 15.

NACA 0006 airfoil cfc = 0.15 6, = 20°
M = 0.15
Compute:
c‘26 = —-0.00286 per deg (Figure 6.1.1.1-50)
Ac, = cizts ‘Sr (Equation 6.1.1.1-¢)

(—0.00286) (20)

-0.057

This compares with a test valuc of —0.07 from Reference 15.

9. Leading-Edge Slats

Given: The flapped airfoil of Reference 69.

NACA 65A010 airfoil cfc = 0.17 8, = 25.6°
Low Speed ' R, = 7.0x 108 c'fe = 1.12
Compute:
¢, = —0.00350 per deg (Figure 6.1,1.1-50)
6
Cf
Ac, = ¢, §;— (Equation 6.1.1.1-mj

8 c

(—0.00350} (25.6) (1.12)

—0.100

This compares with a test value of —0.19 from Reference 69.
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Fullmer, F.F.: Wind-Tunnel |nvestigation of NACA 66(215)-216, 66,1-212, and 664-212 Airfoile With 0.20-Airfoil-Chord Split Flaps.
NACA WR L-140, 1944, (U}

Wenzinger, C.J., and Harris, T.A.: Wind-Tunne! tnvestigation of N.A.C A, 23012, 23021, and 23030 Airfoils With Various Sizes of
Split Flap. NACA TR 668, 1939, (U}

McKes, F.B., Jr.- Plain and Slotted Leading-Edga Flaps With a Conventional Split Trailing-Edge Flap, WADC TR 6356, Part 1, 1951, (U)

Velesco, C.E.: High-Speed Wind-Tunna! | nvestigation of Spoilers for Latersl Control on the NACA 65,-210 Airfoil Section. NACA MR
A5K02, 1845. (U}

Msrris, T.A., snd Recant, 1.G.: Wind-Tunnel Investigstion of NACA 23012, 23021 angd 23030 Airfoils Equipped With
40-Percent-Chord DoubteSlotted Flaps. NACA TR 723, 19841, (U)
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TABLE 6.1.1.1-A

PLAIN TRAILINGEDGE FLAP EFFECTIVENESS
DATA SUMMARY AND SUBSTANTIATION

Alrfoll _8 8 Bep | Acy Por;om

Ref, Section M [RaxM0 e {deg) k' Cale | Test Error
47 23012 106 36 0.10 10 | 1.000 | 0.267 | 0.265 0.8
20 900 | 0.478 | 0430 1.2

) 710 | 0.566 | 0545 =X

40 640 | 0680 | 0.695 .07

50 596 | 0.790 | 0.796 . 06

60 560 | 0893 | 0895 - 0.2

61 Clark Y 106 0.61 0.10 10 | 1000 [ 018 | 022 18.2
a0 710 | 039 | o040 .25

45 616 | 0601 | 0.546 - 8.1

80 560 | 061 | 060 1.7

13 0009 10 2.78 0.16 10 | 1000 | 037 | 029 - B
20 890 | 065 | 067 14.0

30 69 | 016 | 073 4.1

40 616 | 090 | 084 7.1

50 567 | 103 | 097 6.2

60 531 | 116 | 109 6.4

20 0009 00 34 0.16 10 | 1000 | 037 | 040 - 186
20 890 | 066 | 060 100

30 695 | 077 | 073 55

17 0006 3 1.0 0.15 65 | 1.000 | 021 | 024 125
l l 106 | 1000 | 039 | 045 3.3

30 66,2 116 - 6.0 0.167 10 887 | 066 | 0862 6.5

e= 06

30 685 | 0.762 | 0.846 - 9.8

40 610 | 0905 { 1.045 13.4

1 1 50 560 | 1038 | 1.180 12,0

13 0009 10 2.76 0.20 10 | 1000 | c43 | o042 2.4
20 880 | 076 | 074 2.7

) £70 | 087 | 085 24

40 592 | 102 | 099 3.0

] 50 540 | 119 | 115 35
80 801 | 130 | 124 48
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TABLE 6.1.1.1-A (CONTD)

[ ]

Airloil 8 5, Acgj Acy Percont

Rsf. Section m [R2x10 cgle (dog) K’ Calc | Test Error
48 23M2 106 s 0.20 15 978 { 0595 0.660 . g.é
t 1 30 670 | 0815 0.860 - 52

a6 23012 .10 as 0.20 10 1000 | 0407 | 0.356 14.6
| i | | 20 880 | 0.714 | 0656 9.0

l 30 £70 | 0815{ 0797 2.3

| a5 565 | 1031 1.025 0.6

} J 60 S0 | 1.219| 1.245 - 24

61 23012 108 0.61 0.20 15 978 | 043 0.50 14,0
30 670 | 058 067 -13.4

45 565 | 0.74 089 -16.9

60 501 | 087 1.02 14,7

28 Circular Arc .15 6.0 0.20 20 880 0,82 0.87 - 5.7

0.06¢

40 592 | 1.10 1.07 2.8

60 501 { 140 | 1.39 0.7

Circular Arc 15 6.0 0.20 20 .880 0.67 0.69 - 29

0.10c

a0 592 | 0.90 1.07 -15.9
60 501 | 115 137 -16.1.

60 €5, - 210 07 1.0 0.20 5 1000 | 024 | 028 14,3
I 10 1000 | 0.49 0.60 -18.3

A7 8.0 0.20 5 1.000 | 0.28 0.25 120

10 1.000 | 055 0.48 14.6

15 918 { o8 057 209

' 20 .880 | 0.97 0.81 19.8

16 63,3- 618 2 6.0 0.20 10 1.000 | 045 0.45 0

20 .880 | 0.79 0.654 20.8

30 670 | 0.90 0.80 125

40 592 | 1.06 0.97 9.3

} 4 50 540 | 121 1.09 1.0
' 80 801 | 135 | 120 125
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TABLE 6.1.1.1-A {CONTD)

s
Airfoil -6 8‘ A i a <t Percent
fef. Section m |Rgx10 cyfc degt | x' | Cale Test Error
12 66 {215) - 216 2 6.0 0.20 w |1o00| 040 | 043 .10
a=1.0

, 20 880 | o7 | 070 1.4
16 66 (216} - 216 2 8.0 0.20 10 |1000] o040 | o044 . 9.1
40 692 | 095 | 110 136
50 540 | 108 | 134 18.4
' ¢ 80 501 | 121 | 180 193
23 65112 - 213 15 8.0 0.22 10 [1000] 053 | o068 .- 88
15 978 | 078 | o068 14.7
20 870! 093 | o086 8.1
1" 0009 .09 258 0.26 5 |1000]| 0246] 0235 4.0
10 |1000| 0493] 0473 42
15 078 | 0720| 0680 5.9
20 840 | 0825 0.800 3.1
25 701 | 0880| 0835 3.0
r 30 640 | 0943| 0850 109
27 23015 06 0.61 0.25 100 |1000] 029 | 0.287 1.0
30 640 | 056 | 0530 5.7
45 540 | 0703] 0725 - 3.0
60 4801 0833 0933 10.7
14 Double Wedge A7 5.8 0.26 10 1.000 0.57 0.60 - 50
20 840 | 096 | 108 RTR!

40 569 | 130 | 1.30 0
50 518! 148 | 150 -1.3

! ] 60 480 | 165 | 1685 0
13 0008 10 2.76 0.30 w0 |1000| 085 | 089 . 68
20 800 | oss | o087 1.1
! ] 30 607 | 100 | 096 42
15 0006 A5 a5 0.30 20 8o | o9s | 110 136
| » 607 | 126 | 132 - 45
50 495 | 147 | 162 . 9.3
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TABLE 6.1.1.19-A {CONTD)

[

Airfoll -8 & Beg | Aey Percent

Ref, Section Mo |REx0 eglc (deg) K Cale Tost Error
21 0009 .09 a4 0.30 10 1.000 | 058 0.55 18
20 800 | 089 0.80 1.3

30 807 | 1.02 0.90 133

40 540 | 1.21 1.07 13,1

1 45 515 | 1.15 1.28 -10.2

13 0015 .10 276 0.30 20 800 | 075 0.78 - 38
l- 30 607 | 0.85 0.99 141

61 Clerk Y 105 0.61 0,30 10 1.000 | 0381 0475 -17.7
30 507 | 0.712] 0.755 - 8.7

45 540 | 0951 0935 1.7

1 80 .460 | 1.080| 1.040 38

13 66-009 .106 1.43 0.30 10 1.000 | 056 0.57 -18
20 .800 | 080 0.80 12.6

' 1 30 607 | 1.03 0.90 14.4
57 16-009 4 11 0.329 103 | 1.000 | 0.43 0.47 -85
56 0009-64 A 1.1 '0.334 59 | 1000 | 0.288| 0332 -13.3
l l 79 | 1000 | 0386 0415 - 7.0

' 9.9 | 1000 | 0483| 0.485 - 2.4

17 0006 3 1.0 0.35 49 | 1000 | 030 0.34 1.8
l l 1 1 ' 102 | 1.000 | 0.62 0.68 - 88
" 0009 00 2.58 0.50 5 1.000 | 0.37 0.36 2.8
10 .998 | 0.74 on 4.2

15 910 | 1o 0.99 2.0
20 685 | 1.01 1.02 - 1.0

25 590 | 109 1.05 a.8

! t 30 542 | 120 g 5.3

20 0009 09 34 0.50 10 .998 | 075 0.80 - 6.3
20 685 | 1.03 1.02 1.0

30 542 | 122 1.25 - 24

40 485 | 1.46 1.52 -39

1 45 466 | 1.58 1.65 - 42

P 65-210 < 15 8.0 0.50 4 1.000 | 0.33 0.31 6.5
l 7 1.000 | 057 0.65 -12.3
! 10 | 1000 | 082 | ass - 35

Average Error = z : - 7.76%
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TABLE 6.1.1.1-8.
SINGLE-SLOTTED TRAILING-EDGE FLAP EFFECTIVENESS
DATA SUMMARY AND SUBSTANTIATION

[+
Alrfoil 6 &, 1:?: Acg| Acy p,,:,m
Ref, Saction Confiq.m M B Rgx10 e {deg) deg) |~®5| Calc | Test Error
29 23012 2»* }0.105 | 0.995 as 045 | 30 | 0104 | 322 {100 | 1.00 0
33 23021 2a*  |0.108 | 0.995 35 016 | 60 | 0.087 |.150 |0.87 | 120 | -27.5
44 23021 7. s |10 7.1 015 | 60 | 0.087 |.150 [0.87 | 083 a8
34 | 63{4201-222| b s | 1.0 9.0 0243| 30 | 0118 | .445 (158 | 1.41 12,1
a=0.% |
40 385 |1.82 | 1.58 15.2
45 345 {183 | 146 253
20 480 [1.13 | 1.12 1.0
' 30 ' | 445 158 | 1.40 12.9
41 86-210 2 s |10 6.0 026 | 30 | 0109 |.453']1.48 | 146 1.4
5 40 397 (173 | 1.78 .28
45 356 |1.75 | 187 . 64
50 300 [1.62 | 1.73 - 6.4
30 453 [1.48 | 154 . 39
36.3 A21 {167 | 172 - 29
413 388 |1.75 | 1.82 .38
46.6 340 [172 | 173 - 08
30 453 [1.48 | 143 5.0
| | 35 428 (163 | 154 5.8
‘ ' ! P 307 (173 [ 181 | - 44
29 23012 2s* |o0.105] 0908 X 026 | 40 | 0108 | 307 166 | 176 | - 63
3t 66,2-216| 1o 0.19 | 0.982 5.1 025 | 10 | o.105 | .500 {053 | 0.47 12.8
= U]
20 490 | 1,03 | 0.995 35
a | 453 [1.43 | 1.3 7.5
& 40 397 [1.67 | 1.56 7.4
J 45 356 |1.68 | 1.63 a1
» 66,2-216] 2c | 0.9 | 0ge2 5.9 025 | 10 | 0.106 | 509 |053 | 0.48 10.4
s=06
20 490 [1.03 | 1.00 a0
30 453 [1.43 | 1338 7.1
40 397 | 167 | 1.565 6.7
45 356 | 188 | 1.63 31
% 10 500 |0.534] 0.495 7.9
20 490 |1.03 | 101 2.0
30 453 [143 | 183 | - a8
r L 40 307|167 [170 | -18
] 45 356 | 1.68 | 1.81 43
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TABLE 6.1.1.1-B. {CONTD)

o Agy| A °
Alrfoil _§ 6' {per £t ! Percent
Rel. Section [Config.iV] ™ [¢] Rg x10 cf/c (deg) deqg} ~ g Calc | Test Error
30 66.2-1168] 1o s |10 6.0 025 | 15 | 0110 | .500 [0.83 [ 070 186
a= 06
l | l l i l I a5 l 356 (.76 | 180 | - 23
33 23021 20 |[o0.106 |0988 a5 025 | 40 | 0097 |.397 [154 | 176 1258
42 Mod Double| b 025 |o097 6.9 0252 | 40 | o101 |.398 161 | 160 0.6
Wadge
as 66,2222 | 1a s {10 6.0 0256 | 20 | 0.120 | .495 [1.19 | 1.06 12.3
l 30 460 {1.66 | 1.50 10.7
40 400 |1.92 | 152 26.3
47 23012 tb | 0.105 | 0.995 35 0257 | 10 | 0104 | 515 |04 | 0.48 125
' 20 495 11,03 { 1.00 3.0
30 460 {144 {148 | .27
40 400 [1.66 | 1.54 1.2
\ ' J 50 306 1159 | 1.59 0
43 23021 2 | 0.106 (0995 as 0257 | 10 | 0.087 | .615 |0.50 | 0.49 20
20 495 [0.96 | 1.05 - 86
30 460 |1.34 | 1.30 31
40 400 |1.56 | 1.52 2.0
50 305 [1.48 | 1.60 - 15
60 220 |1.28 | 1.7 -25.1
b 20 495 |0.96 | 0.98 . 20
30 460 |1.34 | 1.23 8.9
40 400 155 | 1.17 a2s
r 50 305 (1.48 | 1.37 8.0
' 60 Vo220 {128 [ 146 | 123
a7 23030 1 | 0.105 { 0.995 35 0257 | 10 | 0080 { .515 041 | 0.41 0
20 495 079 {090 | 122
30 460 [1.10 | 1.15 - 43
40 400 [1.28 | 1.18 8.5
50 305 [1.22 | t.20 17
A ‘ 60 220 [1.06 | 140 | 243
46 23012 2a* | 0.106 | 0.995 35 0267 | 30 | 0.104 | .69 |1.46 | 1.71 146
| } > } i } 50 | |.313 163 | 153 6.5
a9 23012 th* | 0.105 | 0.995 35 030 | 40 | 0.104 | .440 |1.83 | 1.84 . 05
1a 10 550 057 | 0.57 0
20 531 [1.10 | 1.02 7.8
30 496 [1.56 | 148 a7
40 440 [1.83 | 182 05
"50 338 |1.76 | 186 | -102
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TABLE 6.1.1.1-B. (CONTD)

5, | lo Acy| Ac ¢
Arfoll s t | tper 2] 21 porcant

Ret. Section |Contig!”| m | B | P2 *10 7| Sf | dep) | aeg) | Q5| Calc | Test | Error
a9 23012 w |o.106 {0996 as 030 | 10 | 0104 |.550 [0.57 [054 5.6
‘ 20 831 jrio |16 | -2

a0 A9 [1.56 | 1.68 .19

] 40 440 [1.83 | 158 16.8

0 |88 AN 0.20 |0.98 9.0 035 | 35 | 0106 |.499 [1.83 | 195 - 62
40 466 (196 | 1.85 5.9

45 425 {201 | 2.3 - 68

38 23012 iy 0.105 | 0.995 as 040 | 10 | 0.104 | 597 |062 | 063 - 18
20 583 {120 | 132 .83

30 560 [1.72 [ 191 . 9.9

40 492 [2.06 | 1.76 18.5

50 288 |2.07 | 2.00 - 1.0

1a 10 597 062 | 0.48 29.2

20 583 |1.21 | 1.24 - 24

30 560 [1.72 | 1.78 .34

40 492 |206 | 173 18.5

! J ' 50 398 |2.07 | 2.06 0.5
6 23021 i 0.105 | 0.995 26 040 | 10 | 0100 597 {060 | 0,65 - 17

20 583 117 | 1.7 0

30 550 | 166 | 1.83 178

40 492 [1.97 | 153 28.8

} 50 398 1199 | 1.73 15.0

a7 23030 b 0.105 | 0.995 a5 g40| 10 | oo80| 597 (048 | 052 - 77
' 20 583{093 | 1.07 RER
30 560|132 | 1.38 - 22

40 492 [ 157 | 1.40 12.1

r 50 398 [ 1.58 | 1.66 .42

'?;::I::l:::onf Zle
Iguration {see sketch below) Awrao‘lError -__n..-'i,ﬂ
a—= =
Flap Nose Shape
Sharp Rounded Closed

Siot-Entry Shape
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TABLE 6.1.1.1-C
SINGLE-SLOTTED TRAILING-EDGE FLAP EFFECTIVENESS
DATA SUMMARY AND SUBSTANTIATION
{See TABLE 6.1.1.1-B for slot-flap configuration)

e
Airfoil LT al & g Percent
Ret. Section M Ryx 1078 | c/fc | {deg) c {(deg) | (per deg} n Beg o | Aoy, | Error
29 23012 0.105 35 015 | 30 1149 | 3880 | 00528 | 0.616| 1.2 1.00 12.0
a3 23021 0.105 35 015 | 60 1157 | 7425 | 00528 | o3s0| 128 1.20 6.7
44 23021 LS 7.1 015 | 60 103 | 739 0.0528 | 0.35 1.14 0.83 37.3
34 63(42%]-422 LS 90 0.243] 30 107 | 421 0.066 0.62 1.32 1.41 -64
a=01
40 52.1 0.52 1.48 158 6.3
45 57.1 0.46 1.47 .46 0.7
20 321 0.697 | 0.99 112 -11.6
30 421 0.62 1.32 1.40 -5.7
a1 65-210 LS 6.0 0.26 | 291 1075 | 37.6 0.0668 | 0.66 1.38 1.45 ~4.8
391 | 1078 | 476 0.57 1.61 1.78 9.4
44.1 | 1.076 | 5256 0.51 1.63 1.86 —12.4
491 | 1.076 | 57.56 0.455 | 1.61 1.72 -6.4
282 | 1144 | 37.0 0.66 1.42 1.52 -6.6
345 | 1.141 | 433 0.61 1.60 1.71 —6.4
395 | 1.135 | 48.3 056 1.68 1.80 —6.7
44.7 1 1.146 | 535 0.50 1.70 1.73 -1.7
2.4 276 | 1.27 | 337 0.69 1.57 1.40 12.1
l' 325|128 | 387 | 0.65 1.76 153 15.0
375 | 1.2t | 437 0.61 1.89 1.80 5.0
29 23012 0.105 35 026 | 40 125 | 488 0.0668 | 056 1.87 1.98 -55
3 56,2-02:55 1 019 5.1 025 | 10 1029 | 21 0.0668 | 0.73 0.50 0.47 6.4
& =1
20 1.043 | ;1 0.70 0976 | 0995 -1.9
30 1.058 | &1 0633| 1.34 1.33 0.8
40 1,068 | 51 053 1,51 156 -3.2
a5 1.073 | 56 0.47 1.52 1.63 -6.7
32 es.z-g:;s 0.19 5.1 025 | 10 1029 | 21 00668 | 0.73 0.50 0.48 4.2
a=1.
20 1.043 | 31 0.73 0976 | 1.00 2.4
30 1.058 | 41 0.633 | 1.34 1.335 0.4
40 1.068 | 51 0.53 1.51 1.6565 ~3.5
a5 1.073 | 56 0.47 1.52 1.63 6.7
10 1.014 | 21 0.73 0.495 | 0.495 0
20 1029 | 31 0.70 0.96 1.01 —50
30 1.043 | ;1 0633 1.32 1.53 —13.7
40 1.058 | 51 0.53 1,50 1.70 -11.8
45 1.066 | 56 ] 0.47 1.51 1.61 —6.2
30 66,2-118 LS 6.0 025 | 18 1.023 | 28.3 0.0668 | 0.718 | 0.74 0.70 5.7
a=06
1 } ‘ ; l 45 1.066 | 56.3 l 0467 | 150 1.80 —16.7
33 2302 0.105 35 0.25 | 40 1.255 | 54.25 | 0.0668 | 0.49 1.64 1.76 -68
42 Moa.’ eDdoubIe 0.25 6.9 0.253 | .40 1.006 | 4642 | 0.0672 | oEB 1.57 1.60 -1.9
ge
35 ss,z-r;z?z LS 6.0 0.256 | 20 1.058 | 31.3 0.0675 | 0.70 1.00 1.06 5.7
a=u,
l l l l 30 l a1.3 1 0.63 1.35 1.50 -10.0
_ 40 51.3 0.53 151 1.52 -0.7
a7 23012 0.10b6 35 0.257] 10 103 | 188 0.0676 | 0.73 0.51 0.48 6.3
20 106 | 28.8 o.M 1.01 1.00 10
30 106 | 388 0.65 1.40 1.48 5.4
40 1.0705} 48.8 0.56 1.62 1.64 -1.2
50 108 | 588 0.445 | 1.62 1.59 1.9
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TABLE 6.1.1.1-C (CONTD)

B

Airfoil LY 1 & oy Percent

Ref. Saction M R, x 10—6 cgle {deg) [ {deg) { {(per deg) LA At e | ARyagy Error
43 23021 0.105 35 0257 | 10 1035 | 2425 | 00876 | 0.72 0.50 0.49 20
20 1035 | 34.28 0.685 | 096 1.05 -8.6

30 107 | 4425 0603 | 1.1 1.30 08

40 107 | 54.25 0.49 1.42 1.52 —866

50 1.07 | 64.25 0405 | 1.46 1.60 -88

60 106 | 74.25 0.36 1.55 1.77 ~12.4

20 1.037 | 3425 0.685 | 0.96 0.98 —20

30 1.05 | 4425 0.603 | 1.28 1.23 41

40 1.063 | 54.25 0.49 1.41 117 20.5

50 1.054 | 6425 0.405 | 1.44 1.27 5.1

60 1,065 | 74.25 0.36 1.55 1486 6.2

37 23039 0.105 35 0.257 | 10 102 | 20657 | 00676 | 0.706 | 0.49 0.41 195
20 1.072 | 3957 0.844 | 093 0.90 3.3

3o 1.08 | 49.57 0.550 { 1.20 1.15 4.3

40 $.103 | 5957 0438 | 1.3 1.18 110

50 1122 | 69.57 0.403 | 1.53 1.20 275

J 60 1.118 | 79.57 0.35 1.59 1.40 13.6

46 23012 0.105 as 0.267 { 30 126 | 388 0.069 0.65 1.69 1.86 -9.1

39 23012 0.105 35 0.20 40 1.31 48.8 0.0725 | 0.57 1.95 217 —10.1
10 1.20 | 188 0.743 | 0.65 0.78 -16.7

20 288 0.72 1.25 1.22 25

30 38.8 0664 | 1.73 1.67 36

40 48.8 0.57 1.98 2.01 -1.5

50 58.8 1 0.458 | 1.99 216 -7.9

10 120 | 188 0.0725 | 0.743 | 0.65 0.73 -11.0

20 28.8 0.72 1.25 .38 -9.4

30 388 o664 | 1.73 1.79 -3.3

. J 40 48.8 057 1.58 1.79 10.6

(A0 B5(1,,)A11Y 0.20 24 0.35 35 1,186 | 4313 [ 0.0775 | 064 2.06 1.95 5.6
40 1.2 48.15 0.49 1.83 1.85 -1.1

l l l 1 1 45 1.2 53.15 l 0525 | 2.20 2.13 3.3
38 23012 0.105 35 0.40 10 1.065 | 18.8 0.082 0.77 0.67 0.53 6.3
20 1088 | 288 0.75 1.34 1.32 1.5

30 1.103 | 388 0.69 1.87 1.91 2.1

40 1093 | 48.8 0.59 2.12 1.76 20.5

50 109 | 588 0.48 2.15 2.09 2.9

10 1082 | 188 0.77 0.68 0.57 19.3

20 190 | 288 0.75 1.35 1.24 8.9

30 1.102 | 38.8 0.69 1.87 1.78 5.1

40 1.11 48.8 0.59 2.15 1.73 24.3

] 50 109 | 588 v 0.48 2.15 2.06 4.4

36 23021 0.105 35 0.40 10 1.032 | 24.26 | 0.082 0.761 | 0.64 0.65 -15
20 1.075 | 34.25 0.724 | 1.28 147 9.4

30 1.085 | 44.25 0639 | 1.71 1.53 1.8

40 1.095 | 54.25 0.53 1.90 1.53 24.2

J 50 1095 | 64.25 1 0.435 | 1.95 1.73 12.7

37 23030 0.105 35 0.40 10 104 | 2957 | 0.082 0.745 | 0.64 0.52 230
20 108 | 3957 0684 | 1.1 107 134

30 1.10 | 4957 0583 | 1.58 1.35 17.0

40 115 | 5957 0.475 | 1.79 1.40 27.8

} 50 1.16 | 69.57 0.402 | 1.91 1.66 15.1

_ Tle
Average Error = — = 8.3%.
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DATA SUMMARY AND SUBSTANTIATION

TABLE 6.1.1.1-D
DOUBLE-SLOTTED TRAILING-EDGE FLAP EFFECTIVENESS

e
Airtoil éTEUPfER _c_— Al 2 Bt 6f2 Percent
Ref. Section M (deg [ C 3 {deg} {degq) ACQ e DChpey Error
73 Wedge 0.25 7.2 1.085 0.04 0.25 20 30 1 2.04 1.96 4.1
64 64208 0.18 6.1 1.127 0.058 0.26 25 25 2.33 217 7.4
41 65-210 - 7.6 1,139 0.075 0.25 16 25 2.14 1.99 7.5
1.146 20 2.29 2.14 7.0
1.143 25 2.40 2.26 6.2
1.148 30 2.51 2.30 9.1
1.133 35 257 2.23 15.2
64 1410 0.18 8.0 .14 0.075 0.256 25 25 2.36 2.49 5.2
63-210 6.4 1,133 0.075 0.25 2.44 2.51 -28
65-210 1.6 1.143 | 0075 0.26 | 2.36 223 5.8
66-210 8.9 1.144 0.075 0.25 30 2.36 2.36 0
64-208 6.1 1.148 0.075 0.25 30 15 2.62 2.364 108
64‘~212 7.4 1.152 0.075 0.28 I 20 2,561 252 0.4
64-210 6.8 1139 0.075 0.25 25 2.63 2.61 =31
69 64A010 0.06 5.9 1,133 0.075 0.25 30 227 2.54 234 8.6
} } 0.20 5.9 } [ | 2.54 2.26 12.4
65 641A212 - 9.8 1.106 0.083 0.229 26 29 2,24 255 -12.0
71 65(216)-215 012 8.0 1.1t4 0.096 0.248 10 15 1.69 1.61 —-1.2
a=08
1.118 20 1.76 1.85 4.9
2 25 1.92 1.98 -~3.0
1.125 30 2.00 2.165 -7.8
1.133 40 2.01 237 —15.2
1137 45 204 2.50 —18.4
1.161 L 60 2.29 255 —-10.2
72 R-4,40-318-1 - 165 1.137 0.082 0.238 5 35 1.62 1.74 -12.6
1.1565 20 20 1.96 1.68 16.7
R-4,40-4126 1.216 25 35 2.33 2.50 —6.8
i 1.180 ) 40 2.32 2.63 -1.8
84 66-210 0.18 8.9 1.172 0.10 0.25 25 35 2.54 228 11.4
66 653118 0.105 9.0 1.17% 0.10 0.245 23 42 2.51 283 -11.3
67 653-413 - 13.2 1.163 0.106 0.236 21 44 2.37 2.62 —-9.6
62 23012 0.105 88 1.221 0.1165| 0.2566 25 35 2.69 2.53 65
68 654-421 - 14.1 1.166 0.109 0.235 20 31 217 2.23 -2.7
63 23021 0.105 14.3 1.228 | 0.147 0.2566 30 40 3.07 2.78 10.%5
Average Error = E:-\-e-‘- = 8.2%.
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TABLE 6.1.1,1-E

SPLIT TRAILING-EDGE FLAP EFFECTIVENESS

DATA SUMMARY AND SUBSTANTIATION

e

Airfoil Acg Acg Percent

Ref Section M Rgx 10~© cyle &y Calc Test Error
75 23012 0.105 35 0.10 15 0.38 0.37 2.7
30 0.62 0.64 -3

45 0.835 0.82 1.8

60 3.98% 0.94 4.8

7% 1.05 1.02 29

23021 15 0.35 0.32 9.4

30 0.57 0.62 -9.5

45 0.765 0.88 -13.1

60 0.90 1.05 —-14.3

75 3.96 1.15 —-16.5

69 B4A010 0,06 2 0.20 66 1.1 1.35 -3.0
012 4 1.43 1.36 5.1

0.17 6 1.43 1.36 5.1

0.20 7 1.43 1.36 5.1

26 23012 - 8 5 0.23 0.17 375
10 .39 0.32 219

_15 0.51 0.45 133

20 0616 0.58 6.0

30 0.83 0.84 -1.2

Y 45 1.12 1.09 2.8
46 0.105 35 60 1.324 1.34 4]
[ + t 75 1.51 1.4 71
74 66,1-212 ~0.1% 6 40 0.99 1.09 -9.2
50 1.16 1.25 -7.2

60 1,29 1.37 -5.8

70 .41 1.42 —0.7

654-212 40 1.06 1.06 —03g

50 1.23 1.205 2.1

60 1.37 1.36 0.7

70 1.50 1.36 10.3

66(215}-216 40 1.11 1.17 —5.t

50 1.29 1.37 -5.8

60 1.44 1.44 4]

70 1.58 1.54 26

45 23021 0.085 3.56 15 0.47 0.51 -7.8
30 0.76 - 0.95 -20.0

45 1.03 1.27 —18.9

60 1.23 1.52 -19.1

75 1.38 1.65 —~16.4

75 23012 0.108 35 0.30 16 0.665 0.63 5.6
30 1.0 1.06 -0.9

45 1.41 1.37 29

60 1.72 155 1.0

75 1.99 1.64 213

23021 15 0.61 0.67 —-9.0

30 0.96 1.20 —20.0

45 1.29 1.59 —189

60 1.57 1.84 -14.7

75 1.82 1.96 71

23012 0.40 15 0.77 0.70 10.0

30 1.21 1.22 -0.8

45 1.9 1.55 26

60 193 1.71 129

23021 15 0.70 0.80 —-12.5

30 1.11 1.42 -218

45 1.46 1.86 —-21.5

60 1.76 2.12 -17.0

Elel
Average Error = = = 9.3%
n
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PLAIN TRAILING-EDGE FLAPS
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FIGURE 6.1.1.1-39a THEORETICAL LIFT EFFECTIVENESS OF PLAIN TRAILING-EDGE FLAPS
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FIGURE 6.1.1.1-39b EMPIRICAL CORRECTION FOR LIFT EFFECTIVENESS OF PLAIN
TRAILING-EDGE FLAPS
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PLAIN TRAILING-EDGE FLAPS
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FIGURE 6.1.1.1-40 EMPIRICAL CORRECTION FOR LIFT EFFECTIVENESS OF PLAIN
TRAILING-EDGE FLAPS AT HIGH FLAP DEFLECTIONS
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SINGLE-SLOTTED FLAPS
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FIGURE 6.1.1.1-4]1 SECTION LIFT-EFFECTIVENESS PARAMETER OF SINGLE-SLOTTED FLAPS
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Note: The c/c values needed for using this figure are defined under “Datcom Methods,” based
on the geometric parameters shown in Figures 6.1.1.1-44 through -46.

FIGURE 6.1.1.1-42 THEORETICAL LIFTING EFFECT IVENESS OF TRAILING-EDGE FLAPS
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_

¢ wing chord (flap in neutral position).

flap chord.

¢ extended wing chord due to flap extension. In measuring ¢’, the flap trailing edge is
rotated from its deflected position about the intersection of the flap chord and the chord

of the airfoil section, until the two chords coincide.

§; flap deflection.

FIGURE 6.1.1.1-44 SINGLE-SLOTTED FLAP GEOMETRIC PARAMETERS
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¢ wing chord (flap in neutral position).

¢, extended wing chord due to forward-flap extension. In measuring ¢,, first rotate the
forward flap from its deflected position about the point of intersection of the
forward-flap chord and the chord of the airfoil section, until the two chords coincide.

¢ extended wing chord due to the double-slotted flaps. In measuring ¢’, the aft flap is first

rotated from its deflected position about the point of intersection of the aft-flap chord

and the chord of the forward flap, until the two chords coincide. Then both flaps are

rotated from the deflection of the forward flap about the point of intersection of the

forward-flap chord with the wing chord, until these two coincide.

flap deflection of the forward flap.

8¢, flap detlection of the aft flap.

¢, forward-flap chord.

¢, aft-flap chord.

FIGURE 6.1.1.1 45 DOUBLE-SLOTTED FLAP GEOMETRIC PARAMETERS
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wing chord (flap in neutral position).

extended wing chord due to complete forward-flap extension. In measuring c;, first
rotate the complete forward flap (usually includes aft flap) about the point of
intersection of the forward-flap chord and the chord of the airfoil section, until the two

chords coincide.
extended wing chord due to the deflection of the double-slotted flaps. In measuring ¢’,

“the aft flap is first rotated from its deflected position about the point of intersection of

the aft-flap chord and the chord of the forward flap, until the two chords coincide. Then
both flaps are rotated from the deflection position-of the forward flap about the point of
intersection of the forward-flap chord with the wing chord, until these two coincide.
forward-flap chord (actual).

forward-flap chord (complete airfoil).

aft-flap chord.

flap deflection of the forward flap.

flap deflection of the aft flap.

FIGURE 6.1.1.1-46 DOUBLE-SLOTTED FLAP GEOMETRIC PARAMETERS
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SPLIT FLAPS

LIFT-
EFFECTIVENESS
PARAMETER
ey
-8 i
17T 7 T T 1
iy L
N—
f
S 24
-6
N
-.5 \ \\
\ N
-4 -
\ \.\ \\ Cf/c
-3 ~ 130
T —]20
—-.2 \h‘\"“-—— "L-“--‘h‘--"""---__ e
i-""“--q
F---'-
-.1
0
0 10 20 30 40 50 60 70 80

FLAP DEFLECTION, §, (deg)
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TRAILING-EDGE
CAMBER LINE

| EFFLUX

TRAILING-EDGE
CAMBER LINE

JET
EFFLUX

TRAILING-EDGE
CAMBER LINE

SLOTTED FLAP—JET-FLAP COMBINATION JET

EFFLUX

5. is the initial trailing-edge jet momentum angle in radians, measured with respect to the
trailing-edge camber line of the airfoil.

8, is the flap deflection in radians, measured with respect to the airfoil chord.

FIGURE 6.1.1.1-48 JET-FLAP GEOMETRIC PARAMETERS
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Note: The ¢ fc or cgfc’ values needed for using this figure are schematically illustrated in the

next figure.

FIGURE 6.1.1.1-50 THEORETICAL LIFTING EFFECTIVENESS OF LEADING-EDGE
‘ DEVICES
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¢ is the extended wing chord due to the deflection of the leading-edge device. In measuring
¢’ the leading-edge device is rotated to the wing-chord line from its deflected position,
about the point of intersection of the leading-edge-flap chord and the wing chord.

FIGURE 6.1.1.1-51 GEOMETRY OF LEADING-EDGE DEVICES
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6.1.1.2 SECTION LIFT-CURVE SLOPE WITH HIGH-LIFT AND CONTROL DEVICES
Trailing-Edge Flaps

Thin-airfoil theory shows that the lift-curve slope of a cambered section is the same as that of the
corresponding uncambered airfoil. Experimental data verify this theoretical prediction for the
angle-of-attack and flap-deflection ranges for which the flow is attached dver both the wing and flap
surfaces.

Flow separation on the wing or flap causes the lift-curve slope to be lower than the theoretical
value. Sketch (a) shows a typical set of lift curves for trailing-edge flaps at various deflections. The
approximate points at which the curves become appreciably nonlinear for a given flap deflection are
shown by the arrows,

SKETCH (a) TYPICAL LIFT CURVES FOR TRAILING-EDGE FLAPS

The sketch is typical of all types of trailing-edge flaps except split flaps, which have somewhat
different lift characteristics. When a split flap is deflected, a reduced pressure exists in the
wedge-shaped region between the flap and the wing This reduced pressure creates a favorable
pressure gradient near the wing trailing edge, which causes the boundary layer at the upper-surface
trailing edge to be thinner for the flap-deflected condition than for the undeflected condition.
Conscquently, the lift-curve slope for small split-flap deflections is greater than that of the
unflapped airfoil. This effect is particularly pronounced on thick airfoils.

For flaps that translate as they deflect, the lift-curve slope is increased because of the increased
effective area of the flapped section. Fowler flaps are the most commonly used flaps of this type.

Reference 1 contains a comprehensive summary of two-dimensional trailing-edge control-surface
data, including data for the nonlinear angle-of-attack and flap-deflection ranges.

Jet Flaps

The lift-curve slope for a jet-flap airfoil is dependent upon the jet momentum trailing-edge
coefficient C,. The method presented herein is Spence’s adaptation of thin-airfoil theory as
presented in References 2 and 3. In summary, Spence applies thin-airfoil theory to inviscid,
incompressible flow past a thin, two-dimensional wing at a small incidence, with a jet of zero
thickness and finite momentum emerging at a small angle of incidence from the trailing edge. The
flow inside the jet is assumed to be irrotational and is bounded by vortex sheets that prevent mixing
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with the mainstream. For flaps that extend as well as rotate, a correction is applied to account for
the increased planform area. For more details regarding the tundamental concepts of jet flaps, the
reader is referred to the discussion presented in Section 6.1.1.1.

Leading-Edge Flaps

The lift-curve slope of an airfoil with a leading-edge flap is very nearly the same as that of the
unflapped airfoil. For slats that extend forward as well as rotate, a correction must be made for the
increased planform area. Typical lift curves are shown in Sketch (b).

LEADING-EDGE SLATS
LEADING-EDGE FLAPS
BASIC WING

SKETCH (b) TYPICAL LIFT CURVES FOR LEADING-EDGE FLAPS AND SLATS

Spoilers

The lift curves of airfoils with spoilers extended are extremely nonlinear, particularly at subsonic
speeds. Sketch (c) shows a typical set of lift curves for an airfoil with and without plug and slotted
spoilers. Leading-edge flaps in conjunction with plug spoilers tend to linearize the lift curve at high
angles of attack. This effect is similar to that achieved by adding a slot and deflector behind a plug
spoiler.

7
,* "\ SLOTTED SPOILER
WITH OR WITHOUT LEADING-EDGE FLAP
PLUG SPOILER

BASIC WING

SKETCH (¢) EFFECT OF SLOT AND LEADING-EDGE FLAP ON SPOILER LIFT CURVES

The Datcom methods presented below for trailing-edge flaps, jet flaps, leading-edge flaps and slats,
and spoilers are limited to subsonic flow.
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DATCOM METHODS
The approximate flap deflections at which flow separation and appreciable lift-curve-slope losses
occur with increasing flap deflection are shown in Table 6.1.1.2-A for various types of flaps. Values
for both good and poor designs are shown. Flap design is very critical to airfoil section and flap
geometry. The effects of these varables on maximum lift are discussed in detai! in Section 6.1.1.3.

1. Fixed-Hinge Trailing- and Leading-Edge Flaps

For these flaps the lift-curve slope is assumed to be the same as that of the unflapped section for
unseparated flow conditions.

2. Translating Trailing-Edge Flaps and Leading-Edge Devices (Slats and Krueger Flaps)

For devices whose hinge line translates with deflection, the lift-curve slope is given by

t
c
v = — {¢ 6.1.1.2-
( Qa)ﬂ C ( Qo:)cﬁ=[l 3
where
(c!2 ) is the lift-curve slope of the unflapped airfoil, including compressibility effects, from
@/8=0  Qection 4.1.1.2
(c,2 ) is the tift-curve slope at leading- or trailing-edge deflection §.
als
c is the chord of the unflapped airfoil.
¢ is the effective chord of the flapped airfoil at any flap deflection. In measur-
ing ¢’ of a single-slotted trailing-edge flap or a leading-edge device, the flap or
leading-edge device is rotated from its deflected position about the point of
intersection of the flap or leading-edge-device chord with the wing chord, until the
two coincide. In measuring ¢’ of a doubleslotted flap, the reader is referred to
Figures 6.1.1.1-45 and 6.1.1.146.
3. Jet Flaps

The method presented here applies to the same configurations as indicated for the jet-flap method

of Section 6.1.1.1; i.e., the pure jet flap and the internally-blown-flap (IBF) and externally-blown-
flap (EBF) concepts with plain trailing-edge flaps. For an IBF or EBF concept with a single-slotted
or multislotted flap configuration, this method should be used only as a first approximation.

No substantiation of the method is presented; however, the method has been acknowledged as being
substantiated in the literature (References 4 and 5).

It shoulq be noted that the term [1 + k(t/c')] is used as a correction for airfoil thickness effects
and applies to the pressure lift contribution calculated by thin-airfoil theory. This correction can be
justified only if there is no trailing-edge separation.
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For jet-flap configurations the total section lift-curve slope, based on the retracted airfoil chord, is
given by

t ¢
={l1+k, [=){c; —C}+C }—
Cna ”: ‘(c‘)] (Cna ,‘) “sc 6.1.1.2-b
where

k. is the airfoil-theory thickness factor; ie.,

-~
1}

1.0 for elliptic airfoils

0.637 for parabolic airfoils

For airfoil sections other than elliptic or parabolic. a value of 0.80 for ky is suggested
{ Reference 2).

— s the airfoil thickness ratio, based on the extended wing chord

¢ Is the jet-flap lift-curve slope uncorrected for thickness effects obtained from Figure
6.1.1.1-49, based on the extended wing chord, as a function of Cj,.

C' is the section nondimensional trailing-edge jet momentum coefficient, based on the
extended wing chord (defined in Sketch (a) of Section 6.1.1.1).

= is the ratio of the extended wing chord to airfoil chord, where ¢’ is obtained as described
€ in Section 6.1.1.1 for the appropriate flap geometry.

4. Spoilers

For the purposes of the Datcom the lift-curve slope of an airfoil with a spoiler, for the conditions
o> 0 and ¢ < 0, is assumed to be the same as that of the basic airfoil.
Sample Problems
1. Translating Trailing-Edge Flap
‘Given: The flapped airfoil of Reference 7.
NACA 23012 airfoil Singleslotted flap 8, = 30° ¢fc = 1.154

M = 0.105; B = 0.995 R, = 3.5x 108

tan 1/2 ¢fm = 0.132 (streamwise airfoil geometry)

6.1.1.24



Compute:

(ce) , = 0-102perdeg (Section 4.1.1.2)
afb=

Solution:

(C”a)a - _(C“a)5=0 {Equation 6.1.1.2-3)

(1.154) (0.102)

0.118 per deg

This compares with a test value of 0.120 per degree fromReference 7.

2.  Jet Flap

‘Given: The pure jet-flap configuration of Reference 6.

t
Elliptic airfoil '“c— = 0.125 4.0
Cf !
—=0 5 =0 5 = 31.4° < =10
c ] c
Compute:

k, = 1.0(elliptic airfoil)
¢ = 13.63 perrad (Figure 6.1.1.1-49)

= l+k(t) _cy+elE (Equation 6.1.1.2-b
C‘Za ek (C“u - “) w3 quation 6.1.1.2-b)

= {[1+ (1.0)(0.125)) (13.63 — 4.0) + 4.0} 1.0

= 14.83 per rad (based on ¢)

This compares with a test value of 16.1 from Reference 6.
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APPROXIMATE RANGE OF FLAP DEFLECTION FOR LINEAR-LIFT CHARACTERISTICS

TABLE 6.1.1.2-A

AT ZERO ANGLE OF ATTACK

Flap Type 5f {deg)
Poor Design Good Design
Plain Oto 10 0to 20
Single Slotted and Fowler Oto 20 0to 30
Double Slotted 010 30 0to 60
Split 0to 30 0or 45
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6.1.1.3 SECTION MAXIMUM LIFT WITH HIGH-LIFT AND CONTROL DEVICES

The maximum-lift increments obtainable by the use of leading- and trailing-edge flaps are strongly
influenced by the flow characteristics of unflapped sections near the stall. The lift of unflapped
sections near and at the stall is discussed in detail in Sections 4.1.1.3 and 4.1.1.4.

A discussion of the aerodynamic aspects of airfoil flaps is given in Reference 1, some of the more
salient points of which are summarized in the following paragraphs.

Trailing-edge flaps increase the maximum lift of a section by means of the camber effect.
Theoretically, the incremental load distribution due to flap deflection reaches a peak in the region
of the flap hinge line, has a smaller peak at the ieading edge, and falls to zero at the trailing edge.
Thus the pressure gradient of the upper surface forward of the flap is relieved, although the gradient
over the flap itself is greatly increased. The flow over the flap therefore separates at moderate
angles, i.e., 10° to 159 for plain flaps. However, the separation is contained behind the flap hinge
line and does not progress forward over the wing until the flap deflections become large. Lift
continues to increase with flap deflection after separation takes place over the flap, but the rate of
increase is considerably less than that for the small flap-deflection range where the flow is
completely attached. Maximum lift is obtained just before the separation progresses forward of the
flap or the flow separates from the leading edge.

Leading-edge flaps increase the maximum lift of airfoils by lowering the high peak suction pressures
near the nose and thereby delaying leading-edge separation. Nose-flap deflection has only a
second-order effect on the flow near the trailing edge. Maximum lift for a given flap deflection is
achieved when the angle of attack is increased to the point where the pressure distribution around
the nose approximates the pressure distribution of the unflapped section just before the stall.
Leading-edge stall ensues as in the case of the unflapped section. This problem is treated
theoretically in Reference 2.

Thin airfoils stall as a result of leading-edge separation,and thick airfoils as a result of trailing-edge
separation (see Section 4.1.1.3). Since trailing-edge flaps primarily affect trailing-edge separation
without significantly altering the nose pressures, they are most effective on thick wings.
Leading-edge flaps, on the other hand, delay leading-edge separation without significantly altering
the trailing-edge flow and are therefore most effective on thin wings.

The stall angle of attack of an airfoil having a leading-edge flap is quite different from that of an
airfoil having a trailing-edge flap. Leading-edge flaps produce increases in lift by enabling the airfoil
to reach higher angles of attack. Therefore, the angle of attack at stall is considerably higher for an
airfoil having a leading-edge flap than that for the unflapped airfoil. Trailing-edge flaps, on the other
hand, produce increases in maximum lift by means of the camber effect and actually stall at an
angle of attack below that of the unflapped airfoil. These trends are illustrated in the accompanying
sketch. A consideration of these stalling angles is often a critical item in practice.
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TRAILING-EDGE FLAPS

,-A
CL

I\— LEADING-EDGE FLAPS
/ BASIC WING

SKETCH (a) | TYPICAL LIFT CURVES FOR LEADING-EDGE AND TRAILING-EDGE FLAPS

Specific comments concerning high-lift trailing-edge devices in common use are given in the
following paragraphs. The accompanying sketch illustrates the various types of flaps. Not all of
those shown are explicitly discussed. :

g_,\ C—_b\-@%

PLAIN FLAP SPLIT FLAP SINGLE-SLOTTED FLAP

DOUBLE-SLOTTED FLAP\ FOWLER FLAP .

SKETCH (b) TYPICAL TRAILING-EDGE FLAPS

Plain Flaps

The preceding discussion of trailing-edge flaps is applicable to plain flaps and no further comments
are required.

Split Flaps
When a split flap is deflected, a region of reduced pressure exists between the upper surface of the
flap and the lower surface of the airfoil. This reduced pressure creates a favorable pressure gradient

over the top rear surface of the airfoil. Trailing-edge separation is thus suppressed, and final stall
often occurs at the airfoil nose.
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Slotted Flaps

The crucial factor in the design of a slotted flap is the slot. The slot sheds the boundary layer at the
slot lip and allows a new boundary layer to develop over the flap. The slot also directs air in a
direction tangential to the surface of the flap. Flow attachment can therefore be maintained to
relatively large flap deflections. For instance, efficiently designed double-siotted flaps can prevent
flow separation at deflections as high as 60°.

The design of slots for slotted flaps is very critical. Several rules of thumb have been developed for
efficiently designing these flaps. First, the flap (and vane) and airfoil must overtap for all deflections
when viewed in planform. Secondly, the jet issuing from the slot should also be directed in a
direction tangential to the flap surface. Long shroud lengths often show advantages, since they have
better control over the direction of the jet.

The flaps (and vanes) of a slotted flap carry considerably more lift than the corresponding plain flap
with the same chord and deflection angle. These surfaces are, in reality, in tandem with the wing
and derive beneficial induced-camber effects associated with tandem configurations.

Fowler Flaps

Aerodynamically, Fowler flaps function in the same way as single-slotted flaps. Additional lift
benefits are obtained, however, from the increased chord due to translation of these flaps.

Jet Flaps

The recent developments in high-lift technology have led to the widespread consideration of the
jet-flap scheme (see Section 6.1.1.1 for a sketch of the various types and a discussion of the salient
aspects). Comments regarding the maximum lift increment due to power effects of a jet-flap scheme
are given in the following paragraphs.

The increment in lift due to power effects of a jet-flap configuration is strongly dependent upon the
trailing-edge jet momentum coefficient C,. Since the jet-flap theory as developed by Spence
assumes inviscid flow, it cannot be utilized to predict the achievable maximum lift coefficient. An
expression has been developed in Reference 3 for the increment in maximum lift of a
two-dimensional jet-flapped airfoil with supercirculation. The analysis is limited to airfoils that
exhibit a leading-edge stall. Under these circumstances it is suggested that the pressure distribution
around the leading edge would be similar for the flapped- and plain-wing sections at stall.

Reference 4 summarizes an attempt to correlate test data with the method presented in
Reference 3. The predicted values of Acp ,, due to power underestimated the experimental data
by a considerable margin. These results tend to indicate that an airfoil with blowing does not stall at
the same leading-edge pressure coefficient as the airfoil without blowing, but at considerably lower
pressure coefficients. The test data used for the attempted correlation indicated a wide scatter band
as a function of C,. This scatter prevents the application of an empirical modification to the
method. €onsequently, no method is presented herein. Further investigations are required and more
test data needed to yield a more accurate and reliable method.
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DATCOM METHODS
The following Datcom methods for trailing-edge and leading-edge flaps are limited to subsonic flow.
1. Trailing-Edge Flaps
An empirical method from Reference 2 for predicting maximum lift increments for plain, split, and

slotted flaps is presented in Figures 6.1.1.3-12a through 6.1.1.3-13b. The maximum lift increment is
given by

= kK, k, (Acﬁ mx)bm 6.1.1.3-a

where

(ACQ ) is the section maximum lift increment for 25-percent chord flaps at the
max/base  roference flap-deflection angle from Figure 6.1.1.3-12a. (Reference flap-
deflection angles are denoted in Figure 6.1.1.3-13a.)

is a factor accounting for flap-chord-to-airfoil-chord ratios other than 0.25

k
1
from Figure 6.1.1.3-12b.
k, is a factor accounting for flap deflections other than the reference values from
Figure 6.1.1.3-13a. :
: k3.' is a factor accounting for flap motion as a function of flap deflection from

Figure 6.1.1.3-13b.

A comparison of experimental data with results based on these charts is shown in Table 6.1.1.3-A.

2. Leading-Edge Flaps

A method is developed in Reference 5 for predicting the maximum lift increment for leading-edge
flaps, slats, and Krueger flaps. The method is based on an extension of thin-airfoil theory, using
empirical factors that were developed using available test data.

The available Krueger-flap test data were found to be dependent largely upon the trailing-edge flap
deflection, Consequently, the method for Krueger flaps from Reference 5 is not presented, since it
does not account for the trailing-edge flap deflections.

The method presented herein gives reasonable results when applied to leading-edge flap deflections
less than 30°, as indicated by the comparison of test data with predicted results, shown in
Table 6.1.1.3-B.

For leading-edge slats it is not advisable to use the method herein for deflections greater than 20°.

The method tends to overpredict the maximum lift increment for larger deflections, as shown in
Table 6.1.1.3-B. :
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The maximum lift increment for leading-edge flaps and slats is given by

Ac = c, Mmax M5 O — 6.1.1.3-b

is the theoretical maximum lifting effectiveness obtained from
max Figure 6.1.1.3-14 as a function of the leading-edge flap-chord ratio cefc.

is the empirical factor accounting for the maximum lifting efficiency obtained
from Figure 6.1.1.3-15 as a function of the ratio of the leading-edge radius to
the thickness ratio of the airfoil.

The reason for the discontinuity in the slat curve presented in Figure 6.1.1.3-15
is that older NACA test data are used to establish the left-hand portion of the
curve, while more recent test data (as indicated in Reference 5) are used for the
right-hand portion. An attempt was made to resolve this discontinuity;
however, no modifications were made because of the lack of test data in the
region of the discontinuity.

s is the empirical factor accounting for changes in flap deflection from the
optimum deflection obtained from Figure 6.1.1.3-16 as a function of

deflection angle.

5, is the leading-edge deflection angle in radians (see Figure 6.1.1.1-51).

— is the ratio of the extended wing chord due to leading-edge flap extension to
the retracted wing chord (see Figure 6.1.1.1-51).

Sample Problems
I. Trailing-Edge Flap

Given: The flapped airfoil of Reference 6.

NACA 65-210 airfoil Double-slotted flap 8f1 = 159 6f2 = 250
s, = 40°  cfc = 0312 R, = 6.0x 108
Compute:

(Acnm)m = 1.165 (Figure 6.1.1.3-12a)

k, = 1.250 (Figure 6.1.1.3-12b, extrapolated)
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k, = 0950 (Figure 6.1.1.3-13a)

2

Actual Flap Angle i(_)__ 0.80
Reference Flap Angle 50 ’

k, = 0870  (Figure 6.1.1.3-13b)

Solution:

H

Ac, (Equation 6.1.1.3-a)
max

k k,k, (Acﬂ

max)base

i

(1.250){0.950%0.870)(1.165)
= 1.20
This compares with a test vatue of 1.33 from Reference 6.
2. Leading-Edge Flap
Given: The flapped airfoil of Reference 7.

NACA 64A010 airfoil ¢ Leading-edge radius = 0.687% ¢

C

t f

—=0.10 Nose flap 6y = 30° —= .15

¢ c
Compute:

Cq = 1.44 per rad (Figure 6.1.1.3-14)

Smax

T = 099 (Figure 6.1.1.3-15)

n; = 0.82 (Figure 6.1.1.3-16)
Solution:

¢ .
Acgmu = c“s Noax Ms 5r_6. (Equation 6.1.1.3-b)

30
= (1.44)(0.99)(0.82) 573 (1.0

= 0.612

This compares with a test value of 0.56 from Reference 7.
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TABLE 6.1.1.3-A

LOW-SPEED SECTION MAXIMUM-LIFT INCREMENTS FOR TRAILING-EDGE FLAP DEFLECTION
DATA SUMMARY AND SUBSTANTIATION

o 6 ¢ “2max Amax Amax ‘Perecent
Ref. Aiarfoil Flap Type Rg x 10 cllc (deg) {64 =0} Cale Test Ereror
9 NACA 0009 Plain 2.58 .25 10 .885 27 .23 17.4
10 Double Wedge 58 .25 G0 .84 97 .89 9.0
tfe = 4.23%
11 NACA 0006 4.5 .30 50 94 Rl .76 18.7
12 6-parcent- 6.0 .20 60 .73 .84 91 -7.3
thick circular arc
12 10-percent- 6.0 .20 60 .67 .75 .98 -235
thick circular arc
13 NACA 0009 2.76 20 30 1.18% .56 43 —30.2
13 NACA 0009 2.39 .30 30 o975 .64 57 12.3
13 NACA 0009 2.39 40 30 1.0 .66 53 245
6 NACA 65-210 Split 6.0 .20 60 1.29 75 .78 -3.8
14 NACA 0012 8.0 .20 60 1.66 .84 69 217
15 NACA 1410 6.0 .20 60 1.51 .74 .82 -9.8
16 NACA 23012 35 .20 60 1.5 .84 98 —14.3
17 NACA 23012 35 10 60 1.58 .59 .75 -21.3
17 NACA 23021 35 40 60 1.36 1.73 1.654 12.3
18 NACA 66,2-116 Single 6.0 .2505 45 1.45 1.67 1.29 29.5
a=.6 Slotted
6 NACA 65-210 2.4 .25 30 1.22 .79 .90 —-12.2
] NACA 65-210 2.4 .25 30 1.22 .79 B4 —6.0
19 NACA 23012 35 .30 40 1.55 1.24 1.36 -8.8
20 NACA 6662-216 5.1 .25 45 1.46 1.67 1.42 17.6
a=.
2 NACA 23012 3.5 2566 30 1.62 .a8 1.03 —14.6
22 NACA 23012 35 .40 40 1.53 1.27 1.30 -2.3
6 NACA 65-210 Double 2.4 32 40 1.22 1.20 1.30 7.7
6 NACA 65-210 Slotted 6 312 40 1.29 1.20 1.33 -9.8
6 NACA 65-210 9 312 50 1.4 1.47 1.20 225
23 Between 35 .238 40 1.39 1.37 1.35 1.5
R-4,40-318-1
and R-4,40-313-6
23 Between 14 238 40 1.55 1.37 1.3 4.6
R-4,40-318-1
and R-4,40-313-6
24 NACA 615,3-1 18 6 .309 45 1.61 1.98 1.59 245
a=1.
25 NACA 23021 35 .32 1.35 2.20 1.86 23.7
26 NACA 23012 35 .30 50 1.65 1.65 1.63 1.2
27 NACA 23012 35 .40 40 1.55 1.82 1.91 —-4.7
16 NACA 63-210 6 .25 80 1.52 1.17 1.38 —15.2
6 NACA 65-210 Fowler 2.4 .25 35 1.22 1.03 99 4.0
6 NACA 65-210 9 .25 a5 1.4 1.03 1.04 -1.0
16 NACA 23012 35 .2667 40 1.66 1.47 1.09 349
19 NACA 23012 35 .30 40 1.65 1.65 1.75 —-5.7
8 NACA 23012 2.9 .40 30 1.16 1.7 1.70 0.6
28 Clark Y ~2 20 30 1.35 B84 1.16 ~21.6

Ziel
Average Error = — = 13.7%

n

*based on flapped airfoil
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TABLE 6.1.1.3-B

LOW-SPEED SECTION MAXIMUM-LIFT INCREMENTS FOR LEADING-EDGE FLAP AND SLAT DEFLECTION
DATA SUMMARY AND SUBSTANTIATION

8¢ A% max Aax a (Acnmaxcaic - Ac“maxtm)
Ref. Airfoil Type tic ctfc {deg) Caic Test
7 64A010 Fiep | 0.10 0.15 15 0.373 0.39 -0.017
30 0.612 0.56 0.052
] as 0.280 0.45 -6.180
29 Double Wedge 0.0423 a.12 5 0.068 0.145 —0.077
0.16 0.076 0.145 ~0.069
0.20 0.085 0.155 —0.070
0.12 10 0.136 0.14 ~0.004.
0.16 0.155 0.17 —0.015
0.20 0.170 0.20 —0.030
0.25 0.182 0.225 —0.043
0.12 15 0.204 0.185 0.019
0.16 0.232 0.26 —0.028
0.20 0.254 0.28 —0.026
0.12 20 0.272 0.255 0.017
0.16 0.310 0.335 —0.025
0.20 0.339 0.345 —0.006
0.25 0.364 0.445 —0.081
0.12 25 0.320 0.37 —0.050
0.16 0.364 0.445 —0.081
0.20 0.399 0.41 —0.011
0.25 0.428 0.515 —0.087
0.12 30 0.335 0.41 —0.075
0.16 0.381 0.485 —0.104
0.20 0.417 0.455 —0.048
0.25 0.448 0.515 —0.067
0.12 35 0.314 0.43. —0.116
0.16 0.358 0.195 0.163
0.20 0.392 0.18 0.212
0.25 0.421 0.515 ~0.094
7 84A010 Slat 0.10 0.17 256 | 0736 0.90 —0.164
30 64,212 012 0.14 14.3 0.70 0.60 0.100
] 65A109 0.09 ! 24.3 0.61 0.69 —0.080
3 64A010 0.10 0.17 15 0.677 0.66 -0.083
32 Clark ¥ 0.117 0.13 1.5 0.456 0.76 —0.304
} } } | 14 0.556 0.78 ~0.234
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TABLE 6.1.1.3-B (CONTD)

bt A max Amax A(Acﬂrﬂaxciﬂc - Achaxm“)
Ref. Airfoil Type t/c cilc [deg} Calc Test
32 Clark Y Slat 0117 0.13 16.5 0.646 0.76 —0.114
14 0.542 0.70% —0.163
19 0.685 0.77 -0.085
215 0.720 0.55 0.170
19 0.691 0.683 0.008
24 0.734 0.722 0.012
265 0.729 0.715 0014
33 EQ 1040 0.10 0.20 5.1 0.204 0.340 —0.136
111 0.443 0.585 —0.142
16.4 0.641 0.600 0.041
20.7 0.946 0.190 0.756
0.30 16.2 0.780 0.785 -0.005
18.2 0.843 0.852 —0.009
20.3 0.880 0.910 -0.030
223 0.907 3.642 0.265
8.0 0.403 0.630 —0.227
1.1 0.559 0.730 —.171
15.1 0.760 0.755 0.005
139 | o656 0.682 -0.026
15.9 0.742 0.685 0.057
19.0 0.850 0.698 0.162
34 Clark Y 0.117 0.13 325 0.602 0.223 0.379
25 0.723 0.344 0.379
16.5 0.641 0.507 0.134
7.5 0.302 0.436 -0.134
20.5 0.680 0.213 0.467
15 0.573 0.472 2.101
B.5 0.332 0.521 —-0.189
9.5 0.351 0.289 0.062
55 0.209 0.483 -{1,274
35 641—212 0.12 0.14 14 0.286 0.15 0.136
Average A Acﬁ""“calc - Acgm“t“t = (0.116
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TRAILING-EDGE FLAPS
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6.1.2 SECTION PITCHING MOMENT WITH HIGH-LIFT AND CONTROL DEVICES

6.1.2.1 SECTION PITCHING-MOMENT INCREMENT Ac_ DUE TO HIGH-LIFT
AND CONTROL DEVICES

The use of high-lift and control devices alters the basic airfoil load distribution, thus affecting the
section pitching moment, as well as the lift.

Methods are presented in this section for estimating the pitching-moment characteristics for most
common high-lift devices in use today and for some of the blown flaps being considered for STOL
aircraft. These methods are valid only in the subsonic regime in the linear-lift region (preferably
near zero angle of attack). The effect of these devices on the varation of pitching moment with
angle of attack is presented in Section 6.1.2.2, except for the jet flap, which is presented in this
section. Considerations of clarity and simplicity of presentation dictated this deviation from
standard Datcom practice.

The assumption is made that the characteristics of a trailing-edge flap are independent of any
leading-edge device, and/or the characteristics of a leading-edge device are independent of any
mechanical trailing-edge flap. In reality this is not quite true, but the methods of this section are not
sufficiently refined to account for these interference effects. This assumption cannot be justified in
the case of the more powerful jet flap.

Trailing-Edge Mechanical Flaps
Sketch (a) shows a typical loading on an airfoil with a plain flap deflected and undeflected. The

incremental load due to the flap exhibits a peak over the airfoil leading edge and a peak over the
hinge line. The higher loading at the hinge predominates, giving a nose-down moment,

PLAIN AIRFOIL

SKETCH (a)

For conditions where the flow is attached, the center-of-pressure location of the additional load due
to flaps does not shift position with flap deflection. Therefore, the pitching moment is directly
proportional to the lift increment. As the flow breaks down, the center of pressure usually moves
forward by a small amount, causing a mild pitch-up. The Datcom method is fairly accurate, even for
high values of flap deflection.
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Sketch (b) illustrates typical flap pitching-moment curves plotted as a function of flap deflection
for a given ratio of flap chord to wing chord. The lift and pitching-moment variation with flap angle
are usually linear as long as the flow is attached. Plain flaps maintain attached flow and exhibit
linear characteristics at small angles of attack and flap deflections. Single-, double-, and
triple-slotted flaps assure attached flow for increasingly higher angles of incidence and flap
deflections and give linear characteristics over a much larger range. Split flaps have no significant
range of linear characteristics as a result of the wide wake caused by the split trailing edge.
5¢

m
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SKETCH (b) DOUBLE-SLOTTED FLAP

Theoretically, the center-of-pressure location is a function of the ratio of the flap chord to airfoil
chord, showing a forward shift with increasing flap-chord ratios. Although test data for plain and
split flaps do not match the theoretical center-of-pressure location, they do show the same trend as
theory. Slotted flaps do not follow this trend. Data for slotted flaps were analyzed for extended
airfoil chords of 10 to 40 percent. Virtually all of the data indicated a center-of-pressure location
between 41 and 47 percent of the extended airfoil chord, showing no dependence upon the ratio of
‘flap chord to airfoil chord. Therefore, an average center-of-pressure location of 44 percent has been
assumed (see Figure 6.1.2.1-352a) for all slotted flaps, independent of the ratio of flap chord to
" airfoil chord.

Leading-Edge Mechanical Devices

Leading-edge devices produce a nose-down pitching moment, similar to trailing-edge flaps, because
they delay the stall by lowering the high peak loading at the leading edge. The method presented is
for conventional leading-edge devices, based on thin-wing theory from Reference 1. Efforts to
substantiate this method by using available test data have proved unsatisfactory. The test data
exhibit nonlinear characteristics which linear theory is intrinsically unable to handle. Therefore, this
method should be applied only to thin airfoils with small leading-edge devices.

Jet Flaps

The pitching-moment increment for a jet-flap airfoil is dependent upon the jet momentum
trailing-edge coefficient CL and the ratio of flap chord to the extended wing chord. The method
presented herein is Spence’s adaptation of thin-airfoil theory as presented in Reference 2. In
summary, Spence applies thin-airfoil theory to inviscid, incompressible flow past a thin,
two-dimensional wing at small incidence, with a jet emerging at a small angle of incidence from the
trailing edge. The flow inside the jet is assumed to be irrotational. In addition, the jet is bounded by
vortex sheets that prevent mixing with the mainstream and maintains finite momentum as its
thickness decreases to zero. For flaps that extend as well as rotate, a correction is applied to
account for the increased chord length.
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The definitions of aerodynamic center x, = and center of pressure X, p are well established for
conventional aircraft. However, for jet-flap configurations the jet reaction is a new component that
must be accounted’ for when considering the location of the aerodynamic center and center of
pressure. In order to maintain consistency, the Datcom defines the aerodynamic center for jet-flap
configurations as that point about which the toral pitching moment is invariant with the rotal lift;
le., dC /dCL = 0 at a given Mach number and trailing-edge jet momentum coefficient. In essence,
the aerodynamic center is a function of the trailing-edge jet momentum coefficient C#. For
conventional wing sections the aerodynamic center is located on the wing chord line. However, for
jet-flap configurations it becomes necessary to define the measurement of x, . off the wing-chord
line, as shown in Sketch (c), to simplify the calculation of the pitching moment about any reference
location.

Voo
W
IIVG i
/<o
d¢
TRAILING-EDGE
CAMBER LINE
JET
EFFLUX
B mse X Ems;
C Cog f C CQGJ
where

Cms ¢ is the flap pitching-moment effectiveness measured about the leading edge.

Cog is the rate of change of section lift effectiveness due to flap deflection.

Cm 5 is the rate of change of pitching-moment coefficient measured about the leading
edge with respect to the jet deflection. (The parameters ¢, 5. and ¢, . are due to the
jet efflux not being emitted at the same angle as the tr]ailing-edée camber line,
i.e., the flap deflection.)

Cnﬁj is the rate of change of section lift coefficient with respect to the jet deflection.

SKETCH (c) JET-FLAP AERODYNAMIC CENTER AND CENTER OF LIFT

6.1.2.1-3



There are two additional parameters shown and defined in Sketch (¢c), x; and X;. The center-of-
lift term x; is analogous to the conventional flap center-of-pressure location, except that it also
includes the reaction component of the jet. For this reason it is not the true “center-of-pressure
location™’; i.e., it is the location where the total lift increment due to flap deflection is assumed to

act.

The term x. is analogous to a center-of-pressure location of the incremental load due to the jet
efflux acting at an angle to the trailing-edge camber line. However, it is not a true center-of-pressure
location for this incremental load, because of the inclusion of the reaction component; therefore, it

15 also referred to as the center of lift.

For more details regarding thc fundamental concepts of jet flaps, the reader is referred to the
discussion presented in Section 6.1.1.1. (Sketch (b) of Section 6.1.1.1 illustrates some of the
blown-flap concepts now being investigated for STOL aircraft.)

Spoilers

Pitching-moment changes due to spoilers are generally smaller than those for flap-type control

~surfaces. For this reason they are useful on thin, swept wings where wing twist due to control
deflection is a problem. Many wind-tunnel programs have therefore been conducted on swept wings,
but few have been conducted on airfoil sections. Reference 3, published in 1953, contains a
comprehensive bibliography of spoiler studies made up to that time.

Because of the scarcity of two-dimensional spoiler data, no gereralized methods are presented in
this section for section pitching moment due to spoiler deflection,
DATCOM METHODS
1. Trailing-Edge Mechanical Flaps
Two methods are presented for estimating the section pitching-moment increment due to the

deflection of mechanical trailing-edge flaps. Method 1 is applicable to plain, split, and multislotted
flaps with or without extensible flaps. Method 2 is applicable only to plain flaps.

In view of the ease of application of Method 2 and the fact that it predicts plain-flap section
pitching moments as accurately as Method 1 does, Method 2 is the preferred Datcom plain-flap
method.

Method 1 (Plain, Split, and Multislotted Flaps)

This method is empirical in nature and limited to the low-speed regime. The section pitching-
moment increment due to trailing-edge flaps, based on the square of the wing chord ¢2, is given by

X X '
Ac, = Ac, [— - ( c,"") (5)] 6.1.2.1

C C Cc

where

Ac is the lift increment for a given flap type and deflection, from test data or as

determined by the appropriate method of Section 6.1.1.1.

7
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el is the desired pitching-moment reference point expressed as a fraction of the basic

c airfoil chord, measured positive aft from the airfoil leading edge, parallel to the wing

chord.

X

__cég_. is the center-of-pressure location of the incremental load due to flaps,expressed as a
fraction of the extended airfoil chord, measured positive aft from the airfoil leading
edge, parallel to the wing chord. This parameter is obtained from Figure'6.1.2.1-35%a
as a function of the ratio of flap chord to airfoil chord cf/c.

% is the ratio of the extended wing chord to the airfoil chord as shown in

Figures 6.1.1.1-44 through -46.

A comparison of low-speed test data with calculated values of Ac,, using this method is presented
in Tables 6.1.2.1-A and -C through -E.

Method 2 (Plain Flaps)

Pitching-moment increments for plain trailing-edge flaps are presented in Figure 6.1.2.1-35b. These
increments are given about the quarter-chord, based on the square of the airfoil chord ¢, as a
function of flap deflection and the ratio of flap chord to airfoil chord cf/c. This figure is limited to

the linear-lift range and subcritical Mach numbers.

A comparison of lowspeed test data with Acm calculated by this method is presented in
Table 6.1.2.1-B.

2, Conventional Leading-Edge Devices

The section pitching-moment increment due to mechanical leading-edge devices, based on the

.square of the wing chord c?, is given by thin-airfoil theory as

¢\ 2 Xef ¢ —¢
—_ ’
ACmLE = CmELE (;) 6fLE + ( - + - ) ACQ

¢y 2 <y /c
te (—C-) -1 +0.75C‘2 (;) "C———l) 6.1.2.1-b

where

Cmg is the theoretical flap pitching-moment effectiveness (about the leading edge),
obtained from Figure 6.1.2.1-36 as a function of the ratio of the leading-edge flap
chord to the extended airfoil chord cf /¢’

¢

-— is the ratio of the extended wing chord to the basic airfoil chord as shown in

¢ Figure 6.1.1.1-51.

84 g is the deflection of the leading-edge device in degrees (see Figure 6.1.1.1-51).
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S is the desired pitching-moment reference point expressed as a fraction of the basic
airfoil chord, measured positive aft from the airfoil leading edge with the
leading-edge device retracted, parallel to the wing chord.

Ac, is the lift increment due to a given leading-edge-device deflection, from test data or
as determined by the appropriate method in Section 6.1.1.1, based on <¢.

¢ is the section pitching-moment coefficient with the flaps retracted, based on 2.
This parameter should be obtained from the test data, if available, or from
Section 4.1.2.1.

< is the section lift coefficient with the flaps retracted, based on c¢. This parameter

should be obtained from test data, if available, or from Sections 4.1.1.} and 4.1.1.2.
The use of this method is demonstrated in Sample Problem 3.

3. let Flaps

Methods that are adaptable to a handbook application are not available for all jet-flap schemes. The
method presented below is applicable to the pure jet-flap concept, and the internally-blown-flap
(IBF) and externally-blown-flap (EBF) concepts with a plain trailing-edge flap. For an IBF or EBF
concept with a single-slotted or multislotted flap configuration, this method should be used only as
a first approximation. No handbook method is currently available to analyze the section
pitching-moment increment due to an augmentor-wing concept.

For EBF flaps the user is cautioned that if the flap does not “capture” or “intercept™ all of the jet
exhaust, the result of this method may be erroneous. Reference 57 considers a design where part of
the jet passes below the flap. Furthermore, a technique to be used in analyzing such a design is
proposed. Unfortunately, this technique is cumbersome, and no satisfactory cases to check its
accuracy have been found in the available literature. Therefore, it is not included in the Datcom. It
should be noted, however, that the lack of such a technique is not a serious restriction, since most
configurations avoid the problem by use of jet deflectors and/or canted thrust axes to ensure that
the entire engine exhaust is flattened and directed at the flap knee.

It should be noted that the airfoil thickness correction used in the method of Section 6.1.1.1 in
determining the section lift increment of a jet-flap combination (see Equation 6.1.1.1-p) does not
apply to the section pitching moment. Therefore, the lift coefficients calculated in this section for
use in determining section pitching moment are not the same as those calculated in Sections 6.1.1.]
and 6.1.1.2 and should be considered only as intermediate values generated during the calculation
of the pitching moment. The actual lift of the airfoil must be calculated by using the more exact
procedures of Sections 6.1.1.1 and 6.1.1.2.

The user is reminded that the theory on which this method is based is linear and as such cannot
predict any nonlinearities; e.g., those that may arise from separated flow.

The flap deflection angles and the flap-chord values to be used in this method are not defined in the
conventional manner. Instead, the user must use his best judgment to approximate the particular
flap system by constructing a simple-hinged multideflected flap system. The primary goal of the
simple-hinged multideflected flap system is to duplicate the mean-camber-line distribution of the
actual flap system. A schematic illustration is presented in the following discussion (Sketches (d)
through () that depicts the determination of the flap chords and flap angles for a triple-slotted-flap
system. The treatment of less complex flap systems follows from this example.
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Determine the mean-camber-line distributions of the flap components as in Sketch (d).

x _WING CHORD LINE

_——"—-JES\'

SKETCH (d)

Approximate the actual mean-camber-line distribution with straight-line segments (keeping in mind
the total mean-camber-line distribution) as in Sketch {e). Extend the straight-line segments until
they intersect each other, so as to define the flap-chord lengths as shown.

SKETCH (e)

Determine the flap detlection angles from the straight-line segments relative to the wing chord line
as shown in Sketch (f).

> ~/— ‘88 |
_ _ WING CHORD LIN;:'
4 A

I

I
!
I
!

]

o
\//
SKETCH (f) Vaf;
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The determination of the extended wingchord ¢, in Sketch (f) is found by the following
procedure. The aft flap segment c, is first rotated from its deflected position about the point of
intersection of ¢, and c,, until the two chords coincide. Then thfa tgtal chord of ¢, and ¢, is
rotated about the intersection of ¢, and c, until these two chords coincide. Then the total chord of
Cy» Cy, and ¢y 18 rotated about the intersection of the wing chord and ¢, until it intersects the wing

chord.

In the method outlined below, the computation of the pitching moment is broken down into
components due to the leading-edge device, the angle of attack, the mechanical flap, and the jet
flap. This division can be somewhat misleading because in each term there appears the parameter
Csp Jc, which is the ratio of the airfoil chord with all flaps extended to the basic airfoil chord. Thus
each term is actually dependent upon the total extended airfoil chord c,,. For example, a change in
;s duetoa deflection of the leading-edge device will affect the contribution of each component,
not just the component due to the leading-edge device.

No substantiation is given for the method presented below; however, the method has been
acknowledged in the literature as being accurate to within 10 percent (References 12 and 16).
Although an insufficient number of configurations have been analyzed to provide a meaningful
substantiation table, the ones that have been analyzed indicate that this method is more accurate in
estimating the pitching-moment change with flap angle than in estimating the variation of pitching
moment with angle of attack. This may be accounted for by the tendency of wings developing very
high lift coefficients to have significant flow separation even at low angles of attack. The variation
in the amount of separated flow with angle of attack may be affecting ¢, significantly.

The section pitching-moment increment of an airfoil due to a trailing-edge jet flap at an angle of
attack, based on the square of the wing chord ¢2, is given by

Ac, = (Acm)s fLe + (Acy), t (Acy); + (Acm)s, 6.1.2.1

where

(Acm) is the pitching-moment increment due to the deflection of a leading-edge

Bf
LB device. (If there is no leading-edge device, (Acy), e =0

(Acm)a is the pitching-moment increment due to the angle of attack of the airfoil. (If

a = 0,(Acy), = 0)

(Acm),sf is the pitching-moment increment due to trailing-edge flaps. The flap system is
treated as a series of plain flaps using the principle of superposition. The
pitching moments of all of these flaps are then summed to give the total. This is
illustrated schematically in Sketch (g) by using a triple-slotted flap. The
treatment of less complex flap systems follows from this example. (For airfoils
with no trailing-edge mechanical flaps, (Acm)Sf = 0.)

(4’.\cm)‘sj is the pitchingmoment increment due to the jet sheet acting at an angle Gj to
the trailing-edge camber line. This term may be present with a pure jet flap, or
in the case of EBF and IBF systems where the total turning angle of the jet
exceeds the total deflection angle of the mechanical flap segments. (If Bj =0,
(Acm)5j = O-)
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The above terms of Equation 6.1.2.1-c are evaluated by using Steps 1 through 4, respectively, below.

Step 1.

Determine (Acpy); fLE by

(Acm).stE = Ac; X; — Acy X, + Ay, 6.1.2.1d

a.  Evaluate the following expressions:

where

6fu-:

ACl = EEKCQ% 6.1.2.1¢
S g

ACZ = '57—3'1(% 6.1.2.1-f

ﬁcl,Ac2 are terms analagous to section lift coefficients. However, the

6fLE

K

CQSa

thickness correction is not applied.

is the deflection of the leading-edge device in degrees, as shown
in Figure 6.1.1.1-51.

is equal to ¢, /c, the ratio of the extended wing chord to the
retracted wing chord. (Note that the extended wing chord
includes the extensions of both leading- and trailing-edge flaps.
The definition of the extended chord lengths is shown in
Figures 6.1.1.1-44 through -46 for trailing-edge flaps and
Figure 6.1.1.1-51 for leading-edge flaps.)

is the section lift effectiveness due to the deflection of a
hypothetical flap of chord c,.

C, = €5 — CILE 6.1.2.1-g

where cgy p Is the chord of the leading-edge flap defined in
Figure 6.1.1.1-51. This parameter is obtained from Figure
6.1.1.1-49 as a function of ¢ fc,* and the trailing-edge jet
momentum C' . C' is the section nondimensional trailing-edge
jet momentum coefficient based on the extended airfoil chord

c .
CL = C, —(see Sketch (a) Section 6.1.1.1).

c
557
Css

*When using Figure 6.1.1.1-49 in this section, it is necessary to substitute t:..fcms or 1:‘,11:alfs for c,lc‘ on the figure,
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is the jet-flap lift-curve slope obtained from Figure 6.1.1.1-49 at
cf/csﬁ = 1,* as a function of the trailing-edge jet momentum
coefficient C, .

b. Determine the corresponding moment arms:

where

o Ia;“

Xy

X c X ¢
m LE
= - (—ul) -2 2 6.1.2.1-h
C C C56 C
Xm “LE Xae. Css .
, =t (=) =2 6.1.2.1-
C C C:SB C

is the desired pitching-moment reference point expressed as a
fraction of the basic airfoil chord, measured positive aft from
the basic airfoil leading edge, parallel to the wing chord.

is the ratio of the airfoil chord with only the leading-edge device
extended to the basic airfoil chord.

is the center-of-lift location of the incremental load due to flap
deflection. This parameter is obtained from Figure 6.1.2.1-37 as
a function of ¢ /c,, and the trailing-edge jet momentum CL. It
is measured positive aft from the extended-airfoil leading edge,
parallel to the free stream.

is the aerodynamic-center location obtained from Figure
6.1.2.1-37 at cf/c‘56 = 1.0, as a function of C’ . It is measured
positive aft from the extended-airfoil leading edge, parallel to
the free stream.

is defined in Step la. (See definition of K .)

¢.  Determine Acy, from

CiLE
Acm3 =C "*C—Sin GfLE 6.1.2.14

m

*When using Figure 8.1.1.1-49 in this saction, it is necessary to substitute t:-lt:65 or cflc“ for cflc' on the figure,
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where

C is the sectign nondimensional trailing-edge jet momentum
coefficient based on the basic airfoii chord (see Sketch (a)
Section 6.1.1.1).

CiLE

— is the ratio of the chord of the leading-edge flap, as defined in
¢ Figure 6.1.1.1-51, to the basic airfoil chord.

bty g is defined in Step 1la.

Step 2. Determine (Acy), by

(Acm)a = Ac, X, + Acpy, 6.1.2.1k

a. Evaluate Ac4 from

o
Ac, = S_';GKCQ" 6.1.2.1¢
where
Ac, is a term analagous to the section lift coefficient, However, the
thickness correction is not applied.
o is the angle of attack of the airfoil in degrees.

K and ¢q_ are defined in Step 1a above.

b. Evaluate Acp, from

X CLE
Acmy = C, [c_m,, (_C_ _ 1)] & 6.1.2.1-m

All terms have been previously defined in the preceding steps.

Step 3.  Determine (Acy); ¢ from

(Acm)g, = X (Acs); (xs) 6.1.2.1-n

=1l
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The subscript n refers to the total flap segments; i.e., in triple-slotted flaps, n = 3,
double-slotted flaps, n = 2, and single-slotted or plain flaps, n = 1. The subscript i
refers to a particular flap segment, where the forward segment is | and the aft
segment is n.

a. Evaluate (4’.\05)i from

i
""““‘"KCQafi 6.1.2.1-0

where

(Acs), is a term analagous to the section lift coefficient. However. the
thickness correction is not applied.

is the deflection of the i'™® flap segment in degrees. The value of
the last flap segment used in this instance depends upon the
effective jet angle 8j.¢p> determined by using Equation 6.1.4.1-d

i n
of Section 6.1.4.1 or obtained from test data. If Bjerr >Z 85,
i=1
then the last flap deflection is that determined from construct-
ing the straight line elements relative to the wing-chord line as

n
depicted in Sketches (f) and (g). If §_ <3° 8¢, then the last
i=1

flap deflection is-given by

n-1
6fn = 6jeff_z b‘fi 6]21-[)
i=1

is the rate of change of section lift coefficient with respect to
flap deflection. The value is obtained from Figure 6.1.1.1-49 as
a function of the trailing-edge jet momentum coefficient C;
and the ratio of the flap chord (of the i'™® flap segment) to the
extended airfoil chord c/cg, - For flaps with Fowler-type
motion, the flap chord is defined as shown in Skeich (g).

Cgari

K is defined in Step 1a.

b. Determine the corresponding moment arm

'

X c Xf;, €
(xs), = —=+ (Ji_ 1) L2 6.1.2.1q

c c
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where

Xr.

j- is the center-of-lift location of the incremental load due to the

Css deflection of the i* flap segment. This parameter is obtained
from Figure 6.1.2.1-37 as a function of the trailing-edge et
momentum C and the ratio of the flap chord to the extended
wing-chord Cg/Cgy -

All other terms have been defined in Step 1b above.

Step 4. Determine (A‘:m)aj' from

(Acm)aj = Acg X¢ 6.1.2.1r
a.  Evaluate Ac, from
J
= ——K 6.1.2.1s
Acg = 573~
where

Ac, is a term analagous to the section lift coefficient. However, the
thickness correction is not applied.

Bj is the deflection of a pure jet flap, in degrees, relative to the
trailing-edge camber line (see Sketch (g)). For IBF and EBF
systems if

n
Siesr = E 8,, then
i=1
n
b, = Sioqr —E 8¢, 6.1.2.1-
i=1
If not, then §, = 0. Terms are defined in Step 3a.

Cgg, is the rate of change of section lift coefficient with respect to
jet deflection, obtained from Figure 6.1.1.1-49 at ¢/c,, = O,
as a function of the trailing-edge jet momentum coefficient C:‘.

K is defined in Step 1a.
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b. Determine the corresponding moment arm

X c X. ¢
LE 56
x6=_“1+(___1) _ s 6.1 2.1u
c c Cis ©
where
%
—_ is the center-of-lift location of the incremental load due to the
Css jet deflection. This parameter is obtained from Figure

6.1.2.1-37 at ¢;/c,, = 0, as a function of the trailing-edge jet
momentum coefficient CL.

All other terms have been defined in Step 1b above.
Theoretically, this equation, within the context of linearized theory, is exact only for an airfoil of

zero thickness. Unlike the lift equation, no comparable wing-chord thickness correction exists for
the pitching-moment increment.

Sample Problems
1.  Plain Trailing-Edge Flap (Method 1)

Given: A flapped airfoil from Reference 11.

Clark Y airfoil c/c = 0.30 8, = 45° t/c = 0.117
Re= 0.61x10°  tanggr, = 0.142 X clc = 0.25 fe = 1.0
Compute:
(Ce )theory = 451 perrad (Figure 6.1.1.1-39a)
Cga a )
(C%)theow = 0.721 (Figure 4.1.1.2-8a)
CQG
(c_)—" = 0.516 (Figure 6.1.1,1-39p)
*5/theory
K = 0518 (Figure 6.1.1.140)
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CQA h
S Bf [(—CQ'T)———J (cgs)lheory K (Equatlon 6.1.1.1-¢)

45
573 (0.516)(4.51)(0.518)

= 0.947
xc_p./c' = 0.425 (Figure 6.1.2.1-35a)
Solution:
. X X 4
Ac, = Ac, [Tﬁ - (—%3-) (—i—)] (Equation 6.1.2.1-a)

{0.947) [0.25 — (0.425)(1)]
~0.166 (based on ¢? and measured about c/4)

This compares with a test value of ~0.195 from Reference 11.

2.l Plain Trailing-Edge Flap (Method 2)
Giveﬁ: A flapped airfoil from Reference 40.

NACA 65,-210 airfoil c/c = 0.20 &, = 15° X o¢fc = 0.25
Solution:

Ac, = ~0.130 (based on ¢? and measured about c/4) (Figure 6.1.2.1-35b)

‘This compares with a test value of —0.142 from Reference 40.

3. Plain Leading-Edge Flap

Given: The flapped airfoil of Reference 9.

NACA 0006 airfoil CrglC = 015 8¢ 200 M = 015
X oplc = 0.25 Ac, = —0.057 (Example 8, Section 6.1.1.1)
¢'fe = 1.0 a=20 ¢, =0 ¢, =0
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Compute:

C'“”'LE = 0.001106 perdeg (Figure 6.1.2.1-36)

; ¢y 2 Yot ¢ <y (¢ )
AC“‘LE = CmﬁLE (E) 6[‘LE + [C—“" . ACQ+Cm (:) -1 +0.75 CE(_C“) ‘C" -

-
(Equation 6.1.2.1-b)

= —0.00116 (1.0)? (20) + (0.25 + 0)(—0.057) + 0[(1.0)2 ~1.0] +0.75 O - 1)
= ~0.0232 — 0.0143

= —0.0375 (based on ¢? and measured about ci4)

This compares with a test value of —0.026 from Reference 9.

4. Jet Flaps
Given: The IBF airfoil with a double-slotted trailing-edge Fowler flap and leading-edge Krueger
flap.

FORWARD-FLAP
CHORD LINE

81
9
AFT-FLAP
CHORD LINE
NN
\
c Oy g c;
C, =50 — = 1174 —— = 0105 == = 1.068
€ | Xm
— = 0.306 — = 0.074 -~ =0.25 a = 3.0°
c c C
by p = 30° 8 = 300 8g, = 15° 6, =56° 5, = 38°
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Compute:

Step 1. {Acm)afLE

K=—=1174

€, = Cg — CfLg (Equation 6.1.2.1-g)

Ca - CiLE /85
o e /%
_,_ 0.0

1.174
= 0.9106
C
c, = —
Boegle
_ 5.0
1.174
= 4.259
Cos, = 13.83 per rad

5

} (Figure 6.1.1.1-49)
cg = 14.00 perrad

5fo-:

Aey =573

K Cog, (Equation 6.1.2.1-¢)

30
= — (1.174)(13.83
57.3(11 X )

= 8.501

afLE
A02 = ——Kc¢

Equation 6.1.2.1-
57 3 2. (Eq f)

30
= ——(1.174)(14.00
573 X )

I

8.605
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Step 2.

— - = (3,235
Css
(Figure 6.1.2.1-37)
X
*® = 0.202
Css
X ¢ X ¢
X, = =4 (L—E l) BN {Equation 6.1.2.1-h)
1 c c Cys C
= 0.25 +(1.068 — 1) — (0.235)(1.174)
= 0.0421
X ¢ X C
X, = — + (—LE - l) _Ae ® (Equation 6.1.2.1-i)
2 ¢ c ¢y C
= 0.25+(1.068 — 1) — (0.202)(1.174)
= 0.0809
CiLE
Acyy = C, C—sin 8r r (Equation 6.1.2.1)

(5.0)(0.105)(sin 309)

0.2625

(Acm)afLE = Ac) x| — Ac, X, + Acy; (Equation 6.1.2.1-d)

(8.501)(0.0421) — (8.605)(0.0809) + (0.2625)

—-0.0757

(Acp),

o
= 573 Kc¢g, (Equation 6.1.2.1-8)

= ﬂ(l 174)(14.00)
57.3 )

= 0.861
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Step 3.

6.1.2.1-20

Xm CLE o .
Acpy = - C, = + - 1) 73 (Equation 6.1.2.1-m)
(3.0)
= ~(5.0)10.25 + (1.068 — )] —
(5.0t ( )l 57.3

—-0.0832

(Acp), = Ac, X, + Acyp, (Equation 6.1.2.1-k)

]

(0.861)(0.0809) — 0.0832

—0Q.0135

fl

(Acm)5f

n = 2, since there are two flap segments

1
= 5(6“ + 59) (Equation 6.1.4.1-d)

|
—(56 + 38
2(5 )

470

]

n
Therefore, since 8, >3 &g = (5, + 8r,) = 459 8¢, = 15° (see Step 3a)

i=l

cfl c] C2
— + = (See Sketch (g))
c ¢ ¢

0.074 + 0.306

0.380

¢ Sy g Ces

C66 C [+

It

i

0.380/1.174

0.3237

Fori = 1 (forward flap segment)

cg‘h = 12.33 perrad (Figure 6.1.1.1-49)



b¢,

(Acs), = 73 K Ces,  (Equation 6.1.2.1-0)
30
= = (1.174)(12.3
53 ( )(12.33)
= 7.579
Xfl

——= 0.490 (Figure 6.1.2.1-37)
86

T, ( L 1) I s (Equation 6.1.2.1-q)
X = —— _— — - — uation 6.1.2.1-
( S)l [ C C56 [ q 1

0.25+(1.068 — 1) - (0.490)(1.174)

i

—-0.2573
Fori = 2 (aft flap segment)

O Cry €y

Ces c c

i

0.306/1.174 = 0.2606

Cosp, = 12.05 perrad (Figure 6.1.1.1-49)
2

b,

(A<~:5)2 = 5—5—3 K CQ% (Equation 6.1.2.1-0)

15
57.3

(1.174)(12.05)

3.703

sz
— = 0.521 (Figure 6.1.2.1-37)
55

X C Xg, €
*3, = — + (—LE - 1) - =2 = (Bquation 6.1.2.1-q)
c c Chs ©

0.25+(1.068 — 1) — (0.521)(1.174)

1]

—0.2937
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n
(Bcm)y, = D (Acs)(xs), (Equation 6.1.2.1-n)

i=1

= (ACS)l (X_s)l +(AC5)2(XS)2

(7.5790(—0.2573) + (3.703)(—0.2937)

-3.0376

Step 4. I{Acm)aj

Cﬁaj = 10.07 perrad (Figure 6.1.1.1-49)

n
| Since 8;,; >y, 87, (Step 3), then

i=l

n
8 = Bjgp _Zl by;
1=

H

Bjegr — (8gy + 81y)

H

47 - (30+15)
= 20
8.

i .
Acg = ;}-—5 K Cgaj (Equation 6.1.2.1-5)

~

= ——(1.174)(10.07
57_3( X )

= (.4126

%

— = 0.658 (Figure 6.1.2.1-37)

Css
Xn  [CLE X Ces .

xg = —+|— - 1) —— — (Equation 6.1.2.1-u)
c ¢ Cg ©

0.25 + (1.068 — 1) — (0.658)(1.174)

~0.4545
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(Acm)sj = Ac6 X (Equation 6.1.2.1-r)

I

(0.4164)(—0.4545)

-0.1875

Solution:

10.

11,

12.

13.

14,

Ac

m

(Acm)'sfu: +(Acp), + (.‘.’xcm)'sf + (Acm)aj {Equation 6.1.2.1-¢)

—0.0757 — 0.0135 — 3.0376 — 0.1875

—3.314 (based on c?)
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TABLE 8.1.2.1-A
PLAIN TRAILING-EDGE FLAP PITCHING-MOMENT EF FECTIVENESS
{METHOD 1)
DATA SUMMARY AND SUBSTANTIATION

- . e

Ref. S‘::tfiglri\ olc X, g1/C tj;g) :‘;l;;_ ‘:‘r‘:’; Pg:;t
36 23012 0.10 0.238 10 —0.063 —0.070 -10.0
20 —0.13 ~0.105 1.6

30 ~0.134 ~0.130 3.1

40 ~0.161 ~0.160 0.6

50 —0.187 ~0.180 39

60 —0.212 ~0.195 8.7

1 Clark Y 0.10 0.250 10 —0.041 —0.070 —414
30 —0.088 -0.125 -~29.6

45 —0.113 ~0.159 -289

Y 60 -0.137 —0.165 -17.0

35 23012 0.20 0.238 10 —0.086 —0.090 -4.4
20 —0.151 ~0.150 0.7

30 —0.173 —0.180 -39

a5 -0.219 ~0.215 19

60 -0.258 -0.240 18

37 23012 0.20 0.250 15 —0.119 —0.122 -25

l | } | 30 ~0.163 ~0.170 —4.1
M 23012 0.20 0.250 15 -0.086 —0.130 ~33.8
30 —0.116 —0.178 -34.8

45 —0.148 —0.220 -32.7

80 ~0.174 ~0.235 -26.0

22 Circular 0.20 0.250 20 —0.164 ~0.133 23.3
Arc 0.06¢ 40 -0.220 ~0.174 26.4

l 60 ~0.280 ~0.220 27.3

Circular 0.20 0.250 20 —-0.134 —0.130 31

Arc0.10c 40 —0.180 -0.188 -43

} 60 -0.230 -0.220 45

40 65,210 0.20 0.250 5 —0.048 ~0.062 -226
10 —0.008 ~0.110 -10.9

5 ~0.056 —0.057 9.8

10 ~0.110 —0.101 8.9

16 ~0.162 -0.142 14.1

20 —0.194 ~0.166 16.9
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TABLE 6.1.2.1-A (CONTD)

Airfoil 8 Ac Ac, e

Ref. . cfc X of/C f m ™ Percent
Section i ref {deg) Calc. Test Error

18 Double Wedge 0.25 0.250 10 -0.107 —0.100 1.0
20 —0.180 —-0.163 10.4

40 —0.244 —0.194 25.8

50 —-0.278 —0.220 26.4

60 -0.309 —-0.225 373

9 0006 0.30 0.250 20 —0.166 ~0.180 -7.8
l l 35 —0.221 —0.205 7.8

50 —0.257 —0.250 28

20 0009 0.30 0.280 10 -0.098 -0.100 -20
20 —0.156 —0.160 —-25

30 -0.179 -0.170 5.3

40 —-0.212 —0.200 6.0

45 —-0.201 -0.220 -8.6

1 Clark Y 0.30 0.250 10 —0.068 =-0.100 ~-32.0
30 ~0.128% -0.170 —265

45 --0.166 —0.195 —14.9

60 -0.189 —0.185 2.2

39 16-009 0.329 0.250 10.3 -0.072 —-0.075 -4.0
38 0009-64 0.324 0.250 5.9 -0.048 —-0.059 —18.7
1.9 —-0.064 ~0.072 ~-11.7

9.9 —0.080 -0,089 —10.1

19 0009 0.50 0.250 10 —0.094 —0.086 9.3
20 —-0.129 ~0,150 —14.0

' 30 -0.153 —-0.196 -21.9

40 -0.183 —0.239 -234

45 —0.198 -0.258 —-23.3

Zilel
Average Error = = 14.2%
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TABLE 6.1.2.1-8

PLAIN TRAILING-EDGE FLAPPITCHING-MOMENT EF FECTIVENESS

(METHQOD 2}
DATA SUMMARY ANO SUBSTANTIATION

. A Ac e
Ref, Airfoil ¢ le &y cm‘:/“ Mcra Percent
Section (deg) Calc. Test Error
36 23012 0.10 10 —0.053 -0.073 -27.4
20 —0.103 ~0.110 —6.4
30 —0.140 ~0.137 2.2
40 ~0.162 _0.168 -36
50 —0.173 ~0.190 B9
60 ~0.178 —0.206 ~13.6
11 Clark ¥ 0.10 10 —0.053 —0.070 243
30 0,140 -0.125 120
45 —0.168 —0.159 5.7
60 —0.178 —0.165 79
s 23012 0.20 10 —0.000 —0.094 —a3
20 —0:162 —0.158 25
30 ~-0.200 ~0.190 5.3
45 -0.223 —0.227 -18
‘ 60 —0.236 -0.255 —15
a7 23012 0.20 15 ~0.130 ~0.122 6.6
| | } 30 ~0.200 -0.170 17.6
1 23012 0.20 15 -0,130 —0.130 0
20 —0.200 —0.178 124
45 —0.223 —0.220 1.4
60 —0.236 —0.235 0.4
22 Circular 0.20 20 -0.162 -0.133 218
Arc 0.06c l 40 ~0.217 —0.174 24.7
I 60 -0.236 —0.220 7.3
Circulsr 0.20 20 —0.162 —0.130 24.6
Arc 0.10c 40 -0.217 —o.188 15.4
J 60 -0.236 —0.220 7.3
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TABLE 8.1.2,1-B {CONTD}

e A a e

Aef Airfail elle 5y cmcm CmCM Parcent
. Section {deg) Calc. Test Error
40 66,-210 0.20 5 ~0.048 --0.062 —-22.6
10 —0.090 —-0.110 —18.2

5 —0.,048 —0.051 -5.9

10 --0.090 —0.101 —-109

15 —0.130 —-0.142 -85

20 —0.162 —0.166 —24

18 Double Wedge 0.25 10 —0.110 —-0.100 10.0
20 —0.195 —0.163 19.6

40 —0.268 —0.194 381

50 —0.283 —-0.220 28.6

60 —0.292 —0.225 298

9 0006 0.30 20 —0.167 ~-0.180 —-71.2
35 -0.237 —0.205 15.6

50 —~(0.258 —~0.250 3.2

20 D009 0.30 10 —0.090 —0.100 —10.0
L § 20 —0.167 ~0.160 44
30 -0.218 ~0.,170 28.2

40 —0.243 0,200 215

45 —0.262 —0.220 14.5

1 Clark Y 0.30 10 —0.090 —0.100 —10.0
30 —-0.218 -0,170 8.2

45 ~0.252 ~0.195 29.2

60 —-{.265 —0.185 43.2

39 16-009 0.329 10.3 —0.093 -0.075 24,0
38 0009-64 0.334 5.9 —0.051 —0.059 -13.6
7.9 —0.070 -0.072 ~3.4

99 —0.090 -0.089 1.1

19 0009 0.650 10 —-0.077 —0.086 —10.8
20 —0.144 —0.150 —-4.0

30 -0.195 —0.196 -0.5

40 —0.235 —0.239 -1.7

45 —0.250 —0.258 —-3.1

Zlel
Average Error = —— = 12.6%
n
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TABLE 6.1.2.1C
SINGLE-SLOTTED TRAILING-EDGE FLAP PITCHING-MOMENT EFFECTIVENESS
{(METHOD 1}
DATA SUMMARY AND SUBSTANTIATION

Airfoil . 5 a A €
Ref, A e c'le %, 4¢/C f Cm “m Percent
e Section G ret (deg) Cale. Test Error
23 23012 0.15 1,150 0.238 30 —0.300 —0.300 0
26 30 0,15 1.150 0.223 60 -0.366 -0.380 -3.7
27 63(420)-222, (.243 1.070 0,260 40 —0.327 —0.300 9.0
a=0.1
23 23012 0.25 1.250 0.238 40 —-0,583 -0.620 —6.0
26 23021 0.25 1,250 0.223 40 —0.640 -0520 38
24 66,2-215, 0.25 1.029 0.250 10 —-0.101 —0.105 -~3.8
a=086 1.043 20 —-0,204 —0.240 —-150
1.058 30 —0.289 -0.327 ~1t.6
1.068 40 —0.332 —-0.384 —-1356
1.073 50 -0.338 —~0.405 —16.5
25 66,2-216, 0.25 1.014 0.260 10 -0.087 —0.112 —13.4
a=06 1.029 20 —0.194 -0.234 -17.1
1.043 30 -0.276 —0.360 -23.3
1,058 40 -0.323 —0.410 —21.2
} 1.066 50 ~0.331 —0.400 -17.3
3] 65-210 0.25 1.144 0,250 28.2 -0.359 —~0.425 —155
1.141 345 —0.404 —0.445 -9.2
1.135 39.5 -0.420 —0.500 -16.0
1.146 447 —0.428 —0.462 ~7.4
1,075 291 —0.308 -0.360 —14.4
1,078 3941 =0.361 —0.420 —-14,1
1.076 44.1 —0.363 —0.445 —18.4
1.076 49.1 -0.359 —0.395 -9.1
36 23012 0.257 1.030 0.238 10 -0.110 -0.110 4]
1.060 20 —0.226 —0.240 —5.8
1.060 30 -0.320 ~{.3556 -89
1.070 40 -0.377 —-0.395 —4.8
1.080 50 —-0.384 —0.365 8.2
n 23021 0,257 1.035 0.223 10 —0.118 —0.130 -10.8
1.035 20 —0.223 -0.270 —-17.4
1.070 30 —0.324 —0,350 —7.4
1.070 40 -0.352 —0.400 -12.0
1.070 50 —-0.362 —0.405 -10.6
1.060 60 -0.377 —0.405 —5.9
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TABLE 6.1.2.1-C (CONTD)

Airfoil . 5 a A @

Ref. . cile c'fc X op/C 1 S Cm Percent
Section ! ret {deg) Calc. Test Error

21 23021 0.257 1.037 0,223 20 «0.224 —0.255 —12,2
1.050 30 —~0.306 —-0.330 -7.3

1.063 40 —0.345 —0.320 7.8

1.054 50 —-0,347 ~0.340 21

1.065 60 —0.381 —-0.360 58

35 23012 0.267 1.260 0.238 30 —-0.533 —0.600 -11.2
n 23012 Q.30 1.200 0.238 10 -0.189 —0.205 -71.8
20 —0.363 —-0.325 11.7

0 —0.502 -0.435 15.4

40 -0.574 —0.540 6.3

50 —0.577 —0.560 3.0

10 —0.189 -0.220 —-14.1

20 —0.363 —0.395 -8.1

30 —0.502 —0.500 0.4

40 —0.574 —-0.5156 115

1.310 10 —0.236 —0,320 —26.3

20 —0.449 -0.525 —145

30 —0.602 —0.685 —12.1

[ 40 —0.661 —0.700 —~5.6

28 23021 0.40 1.032 0.223 10 —0.148 —0.155 —4.5
1.075 20 -0.320 -0.310 3.2

1.085 30 —-0.435 ~0.400 8.8

1.055 40 —0.458 --(.390 17.5

1.095 50 —0.505 —0.425 188

29 23030 0.40 1.040 0.140 10 —0.203 —0.195 4.1
1.080 20 ~0.406 —0.410 —1.0

1.100 30 —0.544 —0.545 —0.2

1.150 40 -0.655 -0.570 14.9

1.160 50 -0.707 —0.650 88

30 23012 0.40 1.065 0.238 10 —0.155 —0.145 6.9
1.088 20 -0.323 -0.300 1.7

1.103 30 —0.462 —0.440 5.0

1.093 40 —-0.515 —0.355 451

1.080 50 ~0,519 —0.420 236

1.082 10 ~-0.162 —0.150 8.0

1.100 20 —-0.332 —-0.300 10.7

1.102 30 —0.462 —0.405 14,1

1.110 40 —0.538 —-0.400 345

1.000 50 -0.519 —0.420 23.6

Zlel

Average Error = ——— = 11.2%
n
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’ TABLE 6.1.2.1-D
DOUBLE-SLOTTED TRAILING-EDGE FLAP PAITCHING-MOMENT EFFECTIVENESS
{METHOD 1)
DATA SUMMARY AND SUBSTANTIATION

Airfoil . by 5y A a e

Ref. A ¢ le Ie clc X, gl 1 2 Cm “m Percent
Section 1 2 ret (deg) (deg} Calc. Test Error
a1 23012 0.170 0.257 1.221 0.238 25 35 —-0.804 —-0.713 128
42 23021 0.147 0.257 1.229 0.223 30 40 ~0.976 —0.773 26.3
43 64-208 0.056 0.250 1.127 0.250 25 25 —~0573 —0.541 5.9
1410 0.075 0.250 1.141 25 25 —0.595 —0.606 -1.8

63-210 1.138 25 25 0612 —-0.578 59

€5-210 1.143 .25 Pl —0.597 —0.584 2.2

66-210 1.144 25 30 —0.598 -0.583 2.6

64-208 1.148 a0 15 —0.668 —0.568 17.6

64-212 1.152 30 20 —0.646 ~0.606 6.4

64-210 1.139 30 25 ~0.635 —0.633 0.3

§6-210 0.100 0.250 1172 25 35 —0875 —0.563 19.9

6 65-210 0075 0.250 1.139 0.250 15 25 —0.637 —0.550 -23
| 1,146 20 .3 ~0.582 —0.683 -0.2

1.143 5 25 —0.607 —0.590 29

1.148 30 25 —0.640 -0.590 8.5

1.133 s 25 -0.639 —0.557 14.7

10 64A010 0.075 0.250 1.133 0.250 a0 22.7 -0.631 —0.550 14.7
} | | | | } 30 | 227 | -0831 | ~0520 214
a4 655118 0.100 0.245 11475 0.250 23 42 —0.670 -0.794 6.2
7 23012 0.143 0.257 1,145 0.238 30 20 —0.737 —0.654 12.7
1.160 30 30 —-0.808 —0.703 14.9

1.110 10 40 —0.509 —0.527 —-34

1.110 20 10 —0.459 —0.472 ~28

1.115 40 0 —0.545 -0.410 329

1.101 o 30 —0.358 -0.342 a7

Tiel

Average Error = "'—r'.- = 9.8%
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TABLE 6.1,2,1-E
SPLIT TRAILING-EDGE FLAP PITCHING-MOMENT EFFECTIVENESS
{(METHOD 1}
DATA SUMMARY AND SUBSTANTIATION

O B I RGN I R ) I
8 23012 0.10 0,238 15 —0.085 --0.085 0
30 —-0.147 —0.145 1.4
45 —0.185 -0.185 1]
60 —-0.211 -0.195 B.2
75 -0,226 —-0.185 216
8 23021 0.10 0.223 15 -0.123 ~0.080 538
30 ~-0.207 —0.150 8.0
45 —0.267 -0.210 272
60 —0.305 —0.260 220
75 —0,328 -.260 31.2
46 66,1-212 0.20 0.250 40 —0.204 ~0.205 ~0.5
50 —0,228 -0.219 4.1
l 60 —0.246 —0,235 4.7
70 -0.258 —0.234 10.3
46 65,-212 0.20 0.250 40 —0.204 —0.1H 6.8
50 —0.228 -0.212 7.5
l 60 —0.246 —0.221 11.3
70 ~(.258 —0.211 22,3
46 66{215)-216 0.20 0.250 40 —0.236 -0.232 1.7
50 —0.264 -0.267 2.7
60 —0.286 —0.262 9.2
70 -0.304 —0.264 15.2
21 23012 0.20 0.238 5 =0.036 -0.026 38.5
10 -0.070 —0.060 16.7
15 —0.106 —0.090 17.8
20 -0.134 —0.116 1595
30 -0.179 —0.170 5.3
45 ~0.228 -0.214 6.5
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TABLE 6.1.2.1-E {CONTD)

Average Error = —-
N

Airfoil é A Ac
Ref. A e e t Cm rt Percent
Section “ Yret {deg) Calc Test Error
34 23021 0.20 0.250 15 —0.134 ~0,103 30.1
30 —0.224 —0.200 12.0
a5 —0.292 —0.252 15.9
60 ~0.332 —0.280 18.6
75 —0.358 —0.271 22.1
8 23012 0.30 0.238 15 —0.110 —0.115 -43
30 -0.185 —0.185 o
45 —0.236 ~0.230 26
60 -0.267 0242 10.3
8 23021 0.30 0.223 15 -0.160 ~0.140 14.3
30 -0.267 —0.245 9.0
45 ~0.346 ~0.325 6.2
60 —0.394 —0.360 9.4
75 —0.422 ~0.365 15.6
8 23012 0.40 0.238 15 —0.110 —0.102 7.8
' 30 —-0.188 —0.185 16
45 -0.238 ~0.230 as
60 ~0.269 —0.245 9.8
23021 0.40 0.223 15 ~0.163 —0.153 65
30 -0.271 —0.272 04
45 ~0.350 -0.360 ~28
60 —0.402 ~0.407 —1.2
Zie
= 12.5%
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6.1.2.2 SECTION DERIVATIVE ¢y, WITH HIGH-LIFT AND CONTROL DEVICES

Mechanical Flaps

According to thin-airfoil theory, camber, such as that due to flaps, does not affect the
moment-curve slope of an airfoil section. Experimentat data verify this for the angle-of-attack and
flap-deflection ranges for which the flow is attached over the airfoil and flap surfaces. This aspect of
the subject is discussed with respect to lift for various types of flaps in Section 6.1.1.2.

A typical set of data is shown in Sketch (a) for plain trailing-edge flaps.

*) APPROXIMATE
LINEAR
RANGE
a =0
\\ \ a = _200

|
X ]
/ \\ \ ﬁ
¢ \ \ _5=0° ] cg +)

Mei4 - ;
20 ',
\\\\\\ 8= a0 |
T~ \ 5= 60° ’,'

¢) N \

SKETCH (a)

//
/a
i=2)
Ll

The approximate linear range is noted in the sketch. At angles of attack above the linear range the
flow separates over the flap surface, and the additional loading due to the flap is lost. A pitch-up
tendency results. At angles of attack below the linear range the flow separates on the underside of
the airfoil, causing a forward shift in center of pressure and a nose-up moment change.

Theoretically, the pitching-moment-curve slope is affected both by leading- and trailing-edge devices
that extend beyond the chord of the basic airfoil. These changes, predicted by thin-airfoil theory,
along with a recommended empirical factor for trailing-edge devices, are presented in Reference 1.
Attempts to substantiate these equations by using available test data of References 2 through 8 have
proved unsatisfactory. The test data from these references do not indicate a consistent dependence
of pitching-moment-curve slope upon airfoil-chord extension as predicted by thin-airfoil theory.

Jet Flaps

The aerodynamic-center location for a jet-flap airfoil is dependent upon the trailing-edge jet
momentum coefficient C, and upon the extent to which leading- and trailing-edge flaps extend
beyond the basic airfoil.
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Considerations of clarity and simplicity of presentation dictated a deviation from normal Datcom
practice in that the effect of jet flapson ¢y, was included in Section 6.1.2.1, which deals with the
pitching-moment increment Ac .

DATCOM METHODS
1. Leading- and Trailing-Edge Mechanical Flaps

The parameter dcm/ de, for various flap deflections is the same as that for zero flap deflection for
angles of attack near zero. However, the linear range for this parameter becomes very smail at the
higher flap deflections.

2. Jet Flaps

The variation of pitching moment with angle of attack for airfoil sections equipped with jet flaps is
covered in the jet-flap method of Section 6.1.2.1. The range of applicability and the limitations of
the method are discussed there and in Section 6.1.1.1.

REFERENCES
1. Hebert, J., Jr., st al.: STOL Tacticel Aircraft Investigation. Volume |1 Design Compendium, AFFDL-TR-73-21-Volume Ii,

1973, (V)

2. Recant, }. G.: Wind-Tunnel investigation of an N.A.C.A. 23030 Airfoil with Various Arrangements of Slotted Flaps. NACA
TN 755, 1940. {U}

3. Wenzinger, C. J., and Harris, T. A.: Wind-Tunnel Investigation of an N.A.C.A, 23021 Airfoil with Verious Arrangements of
Siotted Flaps. NACA TR 677, 1939, (U}

4. Haxris, T. A., and Purser, P. E.: Wind-Tunnel Investigation of an N.A.C.A. 23012 Airfoil with Two Sizes of Balanced Split
Elap. NACA WR L-441, 1940. (U)

5. Swanson, R. S., and Schuldenfrei, M. J.: Wind-Tunnel Investigation of an N.A.C.A. 23021 Airfoil with Two Sizes of Balanced
Split Flaps. NACA WR L-449, 1841. (U}

6. Hduclﬂ, R. W., and Wesismen, Y.: Wind-Tunnel Investigation of the Effects of Slot Shape and Flap Location on the
Characteristics of 3 Low-Drag Airfoil Equipped with a 0.25-Chord Slotted Flap. NACA WR A-80, 1944, (U)

7. Holtzclaw, R. W.: Wind-Tunnel Investigation of the Effects of Spoilers on the Characteristics of @ Low-Drag Airfoil Equipped
with a 0.25-Chord Slotted Flap. NACA WR A-92, 1946. (U)

a Harris, T. A., and Recant, |, G.: Wind-Tunnel Investigation of N.A.C.A. 23012, 23021, and 23030 Airfoils Equipped with
40-Percent-Chord Double Slotted Flaps. NACA TR 723, 1841. (U}

9, Sears, R. I.: Wind-Tunnel Data on the Aerodynamic Characteristics of Airplane Control Surfaces. NACA WR L-663, 1943. (U}

10. Lowry, T. G.: Wind-Tunnel Investigation of an N.A.C.A, 23012 Airfoil with Several Arrangements of Slotted Flaps with
Extended Lips. NACA TN 808, 1941, (U}

11.  Wenzinger, C. J., andg Harris, T. A.: Wind-Tunnel Investigation of an N.A.C.A. 23012 Airfoil with Various Arrangements of
Slotted Flaps. NACA TR 664, 1839, (U)
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6.1.2.3 SECTION PITCHING MOMENT NEAR MAXIMUM LIFT WITH HIGH-LIFT
AND CONTROL DEVICES

It is shown in reference 1 that near maximum-lift conditions the pitching-moment increment due to flap
deflection is a function of the corresponding lift increment and is nearly independent of flap and airfoil
geometry. The summary chart from this reference is presented in this section for estimating pitching-
moment increments due to flap deflection at high angles of attack. The flap types covered include plain,
slotted, and Fowler trailing-edge flaps and leading-edge flaps and slats. The chart is applicable only to that
part of the ¢ versus ¢, curve just below the moment break.

DATCOM METHOD

Section pitching-moment increments due to high-lift and control devices are obtained from figure 6.1.2.3-3,
The section-lift increment Acy used in reading this chart is obtained from the appropriate method of Sec-
tion 6.1.1.1. The section-lift increment for airfoils with both leading-edge and trailing-edge devices is
obtained by adding the individual increments calculated by the methods of Section 6.1.1.1.

The design chart is based on the test data of references 2 through 28. The accuracy of the method, within
the boundaries of the test points on the chart, is dependent upon the accuracy, of the value of Acy used in
reading the design chart. The limitations of the method are the same as those of the methods of Sec-

tion 6.1.1.1 for determining the section-lift increments.

REFERENCES

1. Bidwell, J.M., and Cahill, J.F,: Survey of Two-Dimensional Data on Pitching-Moment Changes Neer Maximum Lift Caused by Deflection
of High-Lift Devices, NACA RM L9103, 1849, (U)

2. Cahill, J.F.: Summary of Section Data on Trailing-Edge High-Lift Devices. NACA RM L8009, 1948, (U)

3.  Wenzinger, C.J., and Harris, T.A.: Wind-Tunne! Investigation of an NACA 23012 Airfoil With Various Arrangements of Slotted Flaps,
NACA TR 664, 1939, (U}

4.  Abbott, 1.H., and Greenberg, H.: Tests in the Varisble-Density Wind Tunnel of tha NACA 23012 Airfoil with Plain and Split Flaps.
NACA TR 661, 1939. {U}

5,  Klain, M.M,: Pressure Distributions and Force Tests of an NAGA 65-210 Airfoil Section with a 50-Percent-Chord Flap, NACA TN 1167,
1947, (U)

6. Waenzinger, C.J., and Harris, T.A.,: 'Nind—Tunan Investigation of NACA 23012, 23021, and 23030 Airfoils with Various Sizes of Split Flap.
NACA TR 668, 1939, {U)

7. Schuldenfrei, M_J,: Wind-Tunnel Investigation of an NACA 23012 Airfoil with a Handley Page Slat and Two Flap Arrangements.
NACA WR L-261, 1942, (U)

8,  Harris, T.A., and Purser, P.E.: Wind-Tunnel Investigation of an NACA 23012 Airfoil with Two Sizes of Balanced Split Flap.
NACA WR L-441, 1940, (U)

9. Lowry, J.G,: Wind-Tunnel investigation of an NACA 23012 Airfoil with Several Arrangements of Slotted Flaps with Extended Lips.
NACA TN 808, 1941, (U}

10.  Harris, T.A,: Wind-Tunnel Investigation of an NACA 23012 Airfoil with Two Arrangements of a Wide-Chord Slotted Flap. NACA TN 715
1939, (U)

11.  Purser, P.E,, Fischel, J., and Riebe, J.M,: Wind-Tunnel Investigation of an NACA 23012 Airfoil with a 0.30-Airfoil-Chord Double Slotted

Flap. NACA WR L-469, 1943_ (L)
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Holtzclaw, R.W., and Weisman, Y.: Wind-Tunnel [nvestigation of the Effects of Slot Shape and Flap Location on the Characteristics o.
Low-Drag Airfoil Equipped with a 0.25-Chord Slotted Fiap. NACA WR A-92, 1944, (U)
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Gillis, C.L., and McKee, J,W.: Wind-Tunnel Investigation of an NACA 23012 Airfoil with an 18.05-Percent-Chord Maxwsll Stat and with
Trailing-Edge Flaps, NACA WR L-574, 1941, {U)
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NACA TN 459, 1833, (V)
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Gauvain, W.E.: Wind-Tunnel Tests of a Clark Y Wing with "Maxwell” Leading-Edge Slots. NACA TN 598,‘1937. {u}

Fullmer, F.F., Jr.: Two-Dimensional Wind-Tunnel Investigation of the NACA 641-012 Airfoil Equipped with Two Types of Leading-Edpe
Flap. NACA TN 1277, 1947 (U}

Fullmer, F,F., Jr.: Two-Dimensional Wind-Tunnet Investigation of an NACA 64-009 Airfoil Equipped with Two Types of Leading-Edge
Flap. NACA TN 1624, 1948, (V)

Underwood, W.J,, and Nuber, R.J.: Two-DimenslonaI Wind-Tunnel Investigation at High Reynolds Numbers of Two Symmetrical
Circular-Arc Airfoil Sections with High-Lift Davices, NACA RM L6K 22, 1947, (U)
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Thompson, M,J).: A Simple Method for Datermining the Aerodynamic Center of sn Airfoil. Jour. Aero, Sci., February 1938, (U}
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6.1.3 SECTION HINGE MOMENT OF HIGH-LIFT AND CONTROL DEVICES

Hinge moments are affected by many factors, such as balance ratio, balance shape, basic airfoil
characteristics, trailing-edge angle, trailing-edge biluntness, gap size and geometry, tab controis and
trimmers, etc. Hinge moments are also nonlinear with angle of attack and flap deflection,
particularly at moderate to large angles. The hinge moments of trailing-edge controls are sensitive to
boundary-layer conditions and hence to Reynolds-number effects, All of the above items cause the
prediction of hinge moments to be very difficult. Test data on the particular configuration under
consideration or one closely resembling it should always be preferred to characteristics obtained
from generalized methods. (Summaries of early hinge-moment test data used in determining the
effects of various factors on hinge moments can be found in References | and 2)

The methods presented in subsequent sections are limited to the range of flap deflections and angles
of attack for which the hinge moments are linear, i.e, those conditions for which the flow is
attached over the control surface. The angles of attack and flap deflections at which the flow
scparates over a plain, sealed control are interrelated and depend upon the flap-chord-to-wing-chord
ratio. Approximate boundaries for linear control effectiveness are presented in Figure 6.1.3-2. This
chart, taken from Reference 3, is based on test data on an NACA 0009 airfoil,

The sign convention for hinge moments is that & positive hinge moment tends to rotate the
control-surface trailing edge down, i.e., a positive control deflection.

REFERENCES
1. Sears, R. L.: Wind-Tunnel Data on the Aerodynamic Characteristics of Airplane Controi Surfaces. NACA WR L-663,
1943, (U}
2. Axelson, J. A.: A Summary and Analysis of Wind Tunnel Data on the Lift and Hinge-Moment Characteristics of Control

Surfaces up to a Mach Number of 0.90. NACA RM A7 LO2, 1948. (W)

3. Ames, M. B, Jr, and Sears, R. |.: Determination of Control-Surface Characteristics from NACA Plain-Flap and Tab Data.
NACA TR 72t,1941, (U)
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6.1.3.1 SECTION HINGE-MOMENT DERIVATIVE ¢ OF
HIGH-LIFT AND CONTROI, DEVICES @

For the angle-of-attack range where the flow is attached over the control surface, the variation of
hinge moment with angle of attack is linear. At some angle of attack, depending upon the control
deflection and airfoil and control geometry, the flow separates from the flap surface. The rate of
change of hinge moment with flap deflection increases beyond this point at an increased rate. This
increase can be attributed to the increased loading at the trailing edge on the leeward side that
accompanies separation, i.e., the aft movement of the center-of-pressure location. The approximate
angle of attack at which the flow separates from the surface of a plain, sealed flap ou an
NACA 0009 airfoil is shown as a function of flap deflection angle and flup-chord-to-control-chord
ratio in Figure 6.1.3-2.

Those additional parameters that restrict the linear range are large trailing-edge angles, large
nosz-balance ratios, blunt {control) nose shapes, and relatively large airfoil thickness ratios. The
linear hinge-moment range is generally smaller than the corresponding linear lift-increment range
due to control deflection.

Seal and Gap Effects

Unsealing the gap between the nose of the control surface and the basic airfoil affects the
hinge-moment derivative of both plain and balanced controls. For most cases, the hinge-moment
derivative ¢;; becomes more positive when the gap is unsealed. Experimental data indicate that this
effect tends fo be larger for balanced controls. The method presented herein does not quantitatively
account for the effect of unsealing the gap. In effect, seals or gaps produce a change in the pressure
distribution aiong the control surface. Therefore, many factors must be considered when analyzing
the effects of gaps or seals, ie., type and/or location of seal, nose shape, balancing, and the
particular pressure distribution of the airfoil. Sketch (a) illustrates the pressure distributions for 4

4 + ‘
\

___—_'_-_-

/ Pced
/ — — — SEALED GAP

——— UNSEALED GAP

\
)
/

(1

/
l
\

SKETCH (a)

6.1.3.1-1



sealed and unsealed gap on a particular control. (This pressure distribution should not be construed
as being true for all configurations.) In viewing the change in the pressure distribution, the effect of
the hinge-line location (balanced control) becomes evident when determining the effect of the seal
or gap on the hinge-moment derivative.

In view of the difficulty of predicting the effects of seals and gaps, experimental data should be
used whenever possible. Figures 6.1.3.1-9 and -10 (from Reference 1) show the effects of fixing
transition and sealing the tab gap on a modified NACA 65,012 airfoil. For these data, the
flap-chord-to-wing-chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and the flap gap is
sealed.

DATCOM METHOD

A. SUBSONIC

The method presented for estimating the hinge moment of trailing-edge controls due to angle of
attack at low speeds is taken from Reference 2. It is based on the theories and data of References 3,
4, and 5, and applies to sealed controls (at the nose) in the linear hinge-moment range only. It is not

valid for horn-balanced controls. The hinge-moment derivative c, is based on the control chord
squared cf2 (where the control chord c; is measured from the hinge line aft to the trailing edge).

The method is broken down into a logical sequence of calculations that account for various factors
in the following order:

1. Radius-nose, sealed, plain trailing-edge control for which the thickness condition

¢'TE tan ¢”TE ¢ t;bT E t
= = tan — = —
2 an 7 T

tan

is satisfied.

2. Thickness distribution when

$'re ¢ ¢"'1E ( $rE
2 2 2

tan

is not satisfied.
3.  Various control nose shapes and the effect of nose balance,
4. Effects of Mach number.

The semiempirical method for determining the section hinge-moment derivative Cha is as follows:
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Step I.  Calculate the hinge-moment derivative ¢, for a radius-nose, sealed, trailing-edge flap for
p hy
the following thickness condition:

t rn
¢TE ¢ TE ¢TE

tan 3 = tan 3 = tan—§— =%
by
' C'h& -
Ch, = EE;:—)———— (chm)lh‘mry (per ragdian) 6.1.3.1-a
theory
where
¢'T E is the trailing-edge angle defined as the angle between straight lines

passing through points at 90 and 99 percent of the chord on the
upper and lower airfoil surfaces.

(b”TE is the trailing-edge angle defined as the angle between straight lines
passing through points at 95 and 99 percent of the chord on the
upper and lower airfoil surfaces.

brg is the trailing-edge angle defined as the angle between tangents to the
upper and lower airfoil surfaces at the trailing edge.

~~———— s the ratio of the actual to the theoretical hinge-moment derivative

(ch‘.)theow for a radius-nose, sealed-gap, plain trailing-edge flap, obtained from
Figure 6.1.3.1-11a.
(cha) is the theoretical hinge-moment derivative for airfoils having
r "
theory tan¢T£ o ¢ rE t PrE  t
— = tan = tan—— = —,
2 2 2 c

This parameter is obtained from Figure 6.1.3.1-11b.

The parameter ¢, /(cy, ) used in reading this chart is obtained
from Figure 4.1.1.2-8a, theory

Step 2. If the thickness condition in Step 1 is satisfied, Step 2 may be omitted. However, if the
thickness condition in Step 1 is not satisfied, correct the hinge-moment derivative c'hct of
Step 1 to account for the particular thickness distribution by

c"h‘, = c'ha +2(c ) ] - ————— | [ tan

£ —i) (per radian)
theory (Cga) c

6.1.3.1b
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where

'y is obtained from Equation 6.1.3.1-a in Step 1.

a

(cga) is the theoretical section lift-curve slope obtained from
theory Figure 4.1.1.2-8b as a function of airfoil thickness ratio.

L

E
are obtained as noted above in Step 1.

The parameters cgml(c,2 ) and
theory 2

For a beveled trailing edge, ¢"TE should be taken as equal to the angle of the bevel.
"1t is stated in Reference 2 that under the restriction that there is no separated flow, S,

" for a radius-nose control can be determined by using the above equations with an
accuracy of +0.05 per radian.

Step 3. Correct the hinge-moment derivative to account for nose-shape and nose-balance effects
by using the following equation (taken from Reference 5):

(ch"‘ bal
alance
(cy ) = ¢", |=———— (perradian) 6.1.3.1<
* balance x Chh,
where
¢y is obtained from Step 2, or is equal to ch from Step 1 if the
@ thickness correctlon is not required.
(Cha)
balance .
————— is obtained from Figure 6.1.3.1-12a for noses of various shapes. The
Ch, nose shapes cortesponding to the curves in Figure 6.1.3.1-12a are

shown in Figure 6.1.3.1-12b. The balance ratio used in Figure
6.1.3.1-12a is defined by

2 2 .
Gy t ‘ |
Balance ratio = (—-) - (—c- 6.1.3.1d
. ¢ 2¢;
where

G Is the chord of the balance.
c; isthe chord of the control aft of the hinge line.

t. is the thickness of the control at the hinge line.
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Figure 6.1.3.1-12a is taken from Reference 6 and is based on a limited amount of
experimental data on sealed controls. Small changes in nose shape, trailing-edge contour,
and air flow may have significant effects on the hinge-moment derivative of balanced
control surfaces,

Step4. Mach-number effects should be approximated by the use of test data whenever possible.

However, when no test data- are available, the Mach-number effects may be roughly
approximated by using the Prandtl-Glauert correction; i.e.,

(Cha)

low speed

V1-M?

(Cha) =

Sample Problem

Given: The flapped airfoil of Reference 7.

NACA 0015 airfoil Plain trailing-edge flap c;/c = 0.30

Round-nose control cb/cf = (.35 tcl(2cf) = 0.1527
TE “rE 91E

Sealed gap tan = 0.164 tan = (.169 tan EN = 0.169

Low speed R, = 2.76 x 10¢

Compute:

Determine the hinge-moment derivative for a radius-nose, sealed, trailing-edge flap

(cy ) —0.507 perrad (Figure 6.1.3.1-11b)

@ theory

0.760 (Figure 4.1.1.2-8a)

-l

]

0.320 (Figure 6.1.3.1-11a)

H

—_— tion 6.1.3.1-
@ (cy ) (Ch")lheory (Fquation 2

(0.320)(—0.507)
—0.162 per rad
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Determine if the thickness condition is satisfied; i.e.,

? H
. B . ¢ rE . $1E  t
an—— = ftan = tan—— =—
2 2 2 c

0.164¥0.169 = 0.169 #0.15

Determine the hinge-moment derivative accounting for the thickness distribution

{c, ) = 7.04 perrad (Figure 4.1.1.2-8h)
& theory
¢ ¢ +2(c, ) 1 o (tan e s ) (Equation 6.1.3.1-b)
= - - — quati L1301
Pe Pa Yo theory (Cga) 2 C
' theory

—0.162 + 2(7.04)[1 - 0.760](0.169 — 0.150)

—0.0978 per rad

Determine the effect of nose shape and nose balance

Balance ratio = (—) - (-—c—-) (Equation 6.1.3.1d)

Cr ZCf

= /(0.35)F - (0.1527)

= 0.315
(Ch“)b !
c,,“ 222 = 0.50 (Figure 6.1.3.1-12a)
hﬂ
(Cha) ]
" balance .
(cy, ) =<y - (Equation 6.1.3.1<)
® paiance « ¢ h, J

(—0.0978)(0.50)

—0.0489 per rad

~0.000853 per deg

H

This compares with a test value of —0.00145 per degree from Reference 7.
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B. TRANSONIC

No method is available for predicting the section hinge-moment derivative Ch, at transonic speeds.

C. SUPERSONIC

The method for determining ¢y, at supersonic speeds is based on the theory of Reference 8. The
theory applies to airfoils with o'sharp leading and trailing edges, where the angles of attack and
flap-deflection angles are smalil. In addition, the flow field is assumed to be everywhere supersonic
and inviscid.

DATCOM METHOD

The hinge-moment derivative ¢, at supersonic speeds for a symmetric, straight-sided flap with
ce/c < 1/2, regardless of the airfoil section ahead of the flap, is given by

¢y, = —Cl +C, Ok 6.1.3.1¢

where C; and C, are thickness correction factors to the supersonic flat-plate derivative,

2
C, = == per radian

VM2 —

+ OM? — 4M? — |
c, = r+ 1) A )per radian

2(M2 — )2

¢rg Is the trailing-edge angle in radians,

Y is the ratio of specific heats,y = 1.4,

For a symmetric, circular-arc airfoil with clc <142, h,, is given by

Aey,
al t

= _C, + - 2300
“hq 1 (t/c)c 6.1.3.1

where C, is defined above, and

Ac
hﬂ

is a thickness correction factor for symmetric, circular-arc airfoils obtained from
Ye  Figure 6.1.3.1-13.

The method becomes somewhat complicated for more general airfoil shapes. Other airfoil shapes are
treated in Reference 8.
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Sample Problem
Given: Symmetric, circular-arc airfoil.

t/c = 0.06 c;/c = 0.30 M =20

Compute:
2 71
¢ = = = (.020 per deg
MZ w1 57.3
Acy,
y = 0.0008 per deg (Figure 6.1.3.1-13)
c
Solution;
’ Acha t
Ch, = -C, +( s )—C- {Equation 6.1.3.1-f)
= —0.020 + (0.0008)0.06)
= —0.01995 per deg
REFERENCES
1. Brewer, J. D., .and Queijo, M. J.: Wind-Tunnel Investigation of the Effect of Tab Balance on Tab and Control-Surface

Characteristics,. NACA TN 1403, 1947, (U)
2. Anon.: Roya! Aeronautical Society Data Sheets — Aerodynamics, Vol. |1V, (Controls 04.01.01), 1956. {U)
.3. -Anon.: Royal Aeronautical Society Data Sheets — Aerodynamics, Vol, 1V, {Controls 04,01,00), 1950, (U}

4. Garner, H. C.: Charts for Low-Speed Characteristics of Two-Dimensional Trailing Edge Flaps. ARC 18,528, 1956, (U}

5. Woods, .. C.: The Theory of Aerofoils with Hinged Flaps in Two-Dimensional Compressible Flow. ARC CP 138, 1952, {U)

6. Anon.: Roysl Aeronautical Society Data Sheets — Aerodynamics, Vol. 1V, {Controls 04.01.03), 1949. {U)

7. Sears, R. |, and Hoggard, H. P, Jr.: Wind-Tunnel investigation of Control-Surface Characteristics. VIl — A Medium
Aerodynamic Balance of Two Nose Shapes Used with a 30-Percent-Chord Fiap on an NACA 0015 Airfoil. NACA WR L-448,

1942, (U

8. Lock, C. N. H.: Examples of the Application of Busemann’'s Formula to Evaluate the Aerodynamic Force Coefficients on

Supersonic Aerofoils. ARC R&M 2101, 1944, (U) :
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- SUBSONIC SPEEDS
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FIGURE 6.1.3.1-9 EFFECT OF SEALED AND UNSEALED TAB GAPS AND
TRANSITION STRIPS ON TAB SECTION HINGE MOMENTS
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SUBSONIC SPEEDS
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FIGURE 6.1.3.1-10 EFFECT OF SEALED AND UNSEALED TAB GAPS AND
TRANSITION STRIPS ON FLAP SECTION HINGE MOMENTS

6.1.3.1-10



SUBSONIC SPEEDS
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o NACA 0009 . 5
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FIGURE 6.1.3.1-12a EFFECT OF NOSE BALANCE ON SECTION CONTROL HINGE-
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FIGURE 6.1.3.1-12b  CONTROL-SURFACE SECTION NOSE SHAPES SHOWN FOR A 35%
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SUPERSONIC SPEEDS
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FIGURE 6.1.3.1-13 THICKNESS CORRECTION FACTOR FOR HINGE-MOMENT DERIVATIVES
FOR SYMMETRIC, CIRCULAR-ARC AIRFOILS
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6.1.3.2 SECTION HINGE-MOMENT DERIVATIVE Chg OF HIGH-LIFT AND CONTROL DEVICES

For small control deflections, where the flow is attached over the control surface, the variation of
hinge moment with control deflection is linear. At some deflection angle, depending upon the angle
of attack and airfoil and control geometry, the flow separates from the flap surface. The rate of
change of hinge moment with flap deflection increases beyond this point at an increased rate, as
shown in Sketch (a). This increase can be attributed to the increased loading at the trailing edge on
the leeward side that accompanies separation; i.e., the aft movement of the center-of-pressure
location. The approximate deflection angle at which the flow separates from the surface of a plain,
sealed flap on an NACA 0009 airfoil is shown as a function of angle of attack and
flap-chord-to-control-chord ratio in Figure 6.1.3-2,

(+)

Ch

-20 -10 10 20

)

TYPICAL CURVE OF HINGE MOMENT
SKETCH (a)

The additional parameters that restrict the linear range are large trailing-edge angles, large
nose-balance ratios, blunt {control) nose shapes, and relatively large airfoil thickness ratios. The
effect of large nose-balance ratios is shown in_Sketch (b) (from Reference 1).

] |

Ch_

& (deg)

)

HINGE MOMENT WITH VERY
LARGE NOSE BALANCE
SKETCH (b)
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The effect of beveled trailing edges is shown in Sketch (¢} (from Reference 1). The linear
hinge-moment range is generally smaller than the corresponding linear lift-increment range due to
control deflection.

TRAILING -

| EDGE BEVEL‘\ /

220

'BEVELED
¢1g = 40°

© *TE = 20°
UNBEVELED
HINGE MOMENT WITH BEVELED ¢7g = 7°
TRAILING EDGE
" SKETCH (¢

Unsealing the gap between the nose of the control surface and the basic airfoil affects the
hinge-moment derivative of both plain and balanced controls. The method presented herein does
not quantitatively account for the effect of unsealing the gap (see Section 6.1.3.1 for a discussion of
the salient aspects). Figures 6.1.3.2-10 and -11 (from Reference 2) illustrate the effect of fixing
transition and sealing the tab gap on a modified NACA 65 1012 airfoil. For these data, the

flap-chord-to-wing-chord ratjo is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and the flap gap
is sealed. ' :

DATCOM METHOD

A. SUBSONIC

The method presented for estimating the hinge moment due to trailing-edge control deflection at
low speeds is taken from Reference 3 and closely parallels the method presented in Section 6.1.3.1
for predicting the hinge-moment derivative Chy- This method is based on the theories and data of
References 4, 5, and 6. The method applies to sealed controls (at the nose) in the linear
hinge-moment range only. It is not valid for horn-balanced controls. The hinge-moment derivative
¢y, is based on the control chord squared cf2 (where the control chord Cp is measured from the
hinge line aft to the trailing edge).
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The method is broken down into a logical sequence of calculations that account for various factors
in the following order:

l. Radius-nose, sealed, plain trailing-edge control for which the condition

+ 1
N rE ¢ rE ¢ $rE t
an —— = tan = tan =—
2 2 2 c

is satisfied.
2. Thickness distribution when

"
¢ &3 ¢ ¢ g ¢ $re ¢
an—— = tan = tan —
2 2 2 c

is not satisfied.
3. Various control nose shapes and the effect of nose balance.
4. Effects of Mach number.

The semiempirical method for determining the section hinge-moment derivative Ch, is as follows:

Step 1. Calculate the hinge-moment derivative c'ha for a radius-nose, sealed, trailing-edge flap for
the following thickness condition

t r
¢ 1 tn¢TE ¢ $re  t
an = ta = tan —— =-—
2 2 c
by
c'h's
¢y, = | ———o (cy.) {per radian) 6.1.3.2-a
8 (cy 6) 5 theory
theory .
where
¢'TE is the trailing-edge angle defined as the angle between straight lines
passing through points at 90 and 99 percent of the chord on the
upper and lower airfoil surfaces, '
. is the trailing-edge angle defined as the angle between straight lines

passing through points at 95 and 99 percent of the chord on the
upper and lower airfoil surfaces,
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Step 2.

6.1.3.2-4

theory

is the trailing-edge angle defined as the angle between tangents to the
upper and lower zirfoil surfaces at the trailing edge.

is the ratio of the actua!l to the theoretical hinge-moment derivative
for a radius-nose, sealed-gap, plain trailing-edge flap, obtained from
Figure 6.1.3.2-12a,

used in reading this chart is obtained

The parameter ¢, /(c, )
a theory

from Figure 4.1.1.2-8a.

is the theoretical hinge-moment derivative for airfoils having

1 I
¢TE ¢ TE ¢TE t
tan = tan = an*-i'— =?

This parameter is obtained from Figure 6.1.3.2-12b.

If the thickness condition in Step 1 is satisfied, Step 2 may be omitted. However, if the
thickness condition in Step 1 is not satisfied, correct the hinge-moment derivative c’ ng of
Step 1 to account for the particular thickness distribution by

¢ ¢'p. +2(cg ) 1 o (t n L ) ( dian)

= e a —_ er radian
Bs hs “s theory (Cgs) 2 c P

theory
6.1.3.2-b

where

¢'n, is obtained from Equation 6.1.3.2-a in Step 1.

(cﬁs) is the theoretical lift due to flap deflection, obtained from

theory  Figure 6.1.1.1-39a,
————— is the ratio of the actual to the theoretical lift due to flap deflection,
(cﬂ;s)mwry obtained from Figure 6.1,1.1-39b as a function of Co, f(cg )

The parameters cﬂm/(c2 )

and c/c. theory

"

and tan
theory

E
are obtained as noted in Step 1.

For a beveled trailing edge, ¢”TE should be taken as equal to the angle of bevel.

It is stated in Reference 3 that under the restriction that there is no separated flow, Chy
for a radius-nose control can be determined from the above equations with an accuracy of

+0.05 per radian.



Step 3.  Correct the hinge-moment derivative to account for nose-shape and nose-balance effects
(taken from Reference 5) by

(Ch 5 )
= ! bal A
Y T~ Sy "'"_TaM (per radian) 6.13.2<
balance
hg
where
c”ha is obtgined from Equation 6.1.3.2-b, or is equal to c'hs in Step 1, if
the thickness correction is not required.
(Ch‘5 )
balance . . . :

———;— is obtained from Figure 6.1.3.2-13 for noses of various shapes. The
Cong nose shapes corresponding to the curves in Figure 6.1.3.2-13 are

shown in Figure 6.1.3.1-12b of Section 6,1.3.1. The balance ratio as
used in Figure 6.1.3.2-13 is defined by Equation 6.1.3.1d of
Section 6.1.3.1,

Figure 6.1.3.2-13 is taken from Reference 6 and is based on 2 limited amount of
experimental data on sealed controls. Small changes in nose shape, trailing-edge contour,
and air flow may have significant effects on the hinge-moment derivative of balanced
control surfaces.

Step 4. Mach-number effects should be approximated by the use of test data whenever possible.
However, when no test data are available, the Mach-number effects may be roughly
approximated by using the Prandtl-Glauert correction; i.e.,

(ch,) = ——tB== 6.1.3.2-¢
M

Sampie Problem

Given: The flapped airfoil of Reference 8. This is the same configuration as that of the sample
problem of Paragraph A, Section 6.1.3.1.

NACA 0015 airfoil Plain trailing-edge flap cfec = 0.30

Round-nose control c,fcg = 0.35 t./Q2c;) = 0.1527
¢FTE ¢fl E ¢

Sealed gap tan—— = 0.164 tan—— = 0,169 tan% = 0.169

Low speed R, = 2.76 x 105
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Compute:
Determine the hinge-moment derivative for a radius-nose, sealed, trailing-edge flap
(Chs) = —0.825 perrad (Figure 6.1.3.2-12b)

theory

C
QQ
(< )

o

0.760 (Figure 4.1.1.2-8a)

theory
'y
GjJL—=am0(ﬁmmm3}nw
hs theory
c'hs
n, = (cy,.) (Equation 6.1.3.2-a)
(Chs) 8 theory
theory

(0.780)(—0.825)

—0.644 per rad

Determine if the thickness condition is satisfied; i.e.,

WTE = tan ¢"TE = tamm
2 2 2

_ t
tan = —
c

0.164 #0.169 = 0.169 #0.15

Determine the hinge-mmoment derivative accounting for the thickness distribution

(cgs) = 4,60 perrad (Figure 6.1.1.1-3923)
theory
Ce,
————— = (0.605 (Figure 6.1.1.1-39b)
(CES)
theory
Moo 42 1 2 et tion 6.1.3.2b
Chgy = Chy (CE‘)nheo:y —(c%) tan > T (Equation 6.1.3.2-b)
theory

It

—0.644 + 2(4.60)[1 — 0.605](0.169 - 0.150)

—0.575 per rad

6.1.3.2-6



Determine the effect of nose shape and nose balance

2 2
Cb tc
— ) - == (Equation 6.1.3.1-d)
Cp 2¢;

V1(0.35)2 —(0.1527)2

]

Balance ratio

= 0.315
(Cha)b
R0 - 0.42 (Figure 6.1.3.2-13)
C h&
(Ché) |
b
() ="y |———==| (Equation 6.1.3.2-)
5 balance 6 c h5

(-0.575X%0.42)

—0.2415 per rad

—0.00421 per deg
This compares with a test value of —0.0030 per degree from Reference 8.
B. TRANSONIC

No method is available for predicting the section hinge-moment derivative Chy at transonic speeds.

C. SUPERSONIC

The method for determining Ch, at supersonic speeds is based on the theory of Reference 7. The
theory applies to airfoils with sharp leading and trailing edges, where the angles of attack and flap
deflection angles are small. In addition, the flow field is assumed to be everywhere supersonic and
inviscid.

DATCOM METHOD

The hinge-moment derivative Cp, at supersonic speeds for a symmetric, straight-sided flap_ with
¢/c <1/2, regardless of the airfoii section ahead of the flap, is given by ‘

Ch6 = _Cl + Cl ¢T'E- 6.1.3.2d

where C, and C, are thickness correction factors to the supersonic flat-plate derivative,
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¢, = —— per radian
M2 — 1
(y+ 1)M* —4(M2 — 1) ,
¢, = per radian
2M2 —1)?
¢ is the trailing-edge angle in radians.

¥ is the ratio of specific heats,y = 1.4,

Fbr a symmetric, circular-arc airfoil with ¢ /c < 1/2, Chyg is given by

Acha t
-E 6.1.3.2-¢

chﬁ = _Cl + ( t/c

where C, is defined above, and

Achts

is a thickness correction factor for symmetric, circular-arc airfoils, obtained from
/¢ Figure 6.1.3.1-13.

The method becomes somewhat complicated for more general airfoil shapes. Other airfoil shapes are
treated in Reference 7.

Sample Problem

Given: Symmetric, circular-arc airfoil.

20

t/c = 0.06 clc = 0.30 M

Compute:

2 — = (.020 per deg

C =
! ] 513

acy,

v = 0.0008 per deg (Figure 6.1.3.1-13)
¢
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Solution:

Acy, ¢
Cp ~C, + — (Equation 6.1.3.2-¢)

t/c c

—-0.020 + (0.0008)(0.06)

—0.01995 per deg
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Brewer, J. D., and Queijo, M. J.: Wind-Tunnel Investigation of the Effect of Tab Balance on Teb and Control-Surface
Characteristics. NACA TN 1403, 1947. ()

Anon.: Royal Aeronautical Society Data Sheets — Aerodynamics, Vol. 1V, {Controls 04.01.02), 1956. {U}

Garner, H. C.: Charts for Low-Speed Characteristics of Two-Dimensional Trailing Edge Flaps, ARC 18,528, 1956. (U}
Woads, L. C.: The Theory of Aerofoils with Hinged Flaps in Two-Dimensional Compressible Flow. ARC CP 138, 1952, (U)
Anon.: Royal Aeronautical Society Data Sheets — Aerodynamics, Vol, IV, {Controls 04.01.03), 1949. (U}

Lock, C. N. H.: Examples of the Application of Busemann's Formula to Evaluate the Aerodynamic Force Cosfficients on
Supersonic Aerofoils. ARC R&M 2101, 1944, (U}

Sears, R. |, and Hoggard, H. P,, Jr.: Wind-Tunnei Investigation of Control-Surface Characteristics. VIl — A Medium

Aserodynamic Baiance of Two Nose Shapes Used with a 30-Percent-Chord Flap on an NACA 0015 Airfoil. NACA WR L-448,
1842, (U}
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6.1.3.3 SECTION HINGE-MOMENT DERIVATIVE (cp,)  OF CONTROL SURFACE,
DUE TO CONTROL TABS

A deflected tab on a control surface causes pressure changes on the surfaces of the tab and control.
Because of the large moment arms associated with these incremental pressures, large changes in
control-surface hinge moments result. In addition, these incremental changes in the pressure
distribution can be influenced by a sealed or unsealed surface where the tab meets the control.

DATCOM METHOD

The following method is taken from Reference 1 and is based on the two-dimensional NACA 0009
airfoil test data for round-nose, unbalanced controls with sealed flap and tab gaps. This method is
limited to the low-speed linear hinge-moment range and should be restricted to tab deflections of
approximately +18° and the combinations of control deflection and angle of attack as indicated in
Figure 6.1.3-2. :

The change in the low-speed section hinge-moment coefficient of a control due to tab deflection,
measured at constant values of angle of attack and flap deflection, can be expressed as

= \- - — —_ 6.1.3.3-a
\ 98, a, s %, Cor 6 ‘acg 5,8 o bepsby 9, gy b

f g °f " f e f
where
achr
_5;5" is the change in control section hinge-moment coefficient due to tab deflection,
t /. 5 measured at constant values of lift and flap deflection. This value is obtained

from Figure 6.1.3.3-4a.

(——-) is the change in control section hinge-moment coefficient due to lift varation,
s s. measured at constant values of tab and flap deflection. This value is obtained
from Figure 6.1.3.3-4b (modified from Reference | to reflect the characteris-
tics of a flat-sided flap contour — like a conventional elevator).

dc,
Q
(——) is the section lift-curve slope of the primary panel (wing, horizontal tail, etc.) at
§,.5¢ constant values of tab and flap deflection. This value can be obtained from
Section 4.1.1.2.

dot .
( 56_ ) is the rate of change of angle of attack due to a change in tab deflection in the
¢ s. linear range at constant values of lift and flap deflection. This value can be
obtained from Figure 6.1.3.3-5.
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The above method does not quantitatively account for the effect of unsealing the tab gap. In view
of the difficulty of predicting the effects of seals and gaps, experimental data should be used
whenever possible. Figure 6.1.3.3-6a (from Reference 2) shows the effects of fixing transition and
sealing the tab gap on a modified NACA 65,-012 airfoil. For these data, the flap-chord-to-wing-
chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and the flap gap is sealed.

The effects of tab nose shape are also not accounted for in the above method, and experimental

data should be used whenever possible. However, the effect of tab nose shape as a function of nose

balance is presented in Figure 6.1.3.3-6b (from Reference 2) for a NACA 65,-012 airfoil with a tab
_gap of 0.004c and transition strips at 0.01c.

Other parameters not accounted for in this method include the effects of airfoil thickness and
- trailing-edge angle. Unfortunately, not enough data are available to evaluate the effects of either of
these variables on the section hinge-moment derivative. Additional test data, including the effects of
these variables on a limited number of flapped configurations, are presented in References 3
through 9.

Sample Problem

Given: The flap and tab configuration of Reference 2.

NACA 65 1-012 airfoil Plain trailing-edge flap (sealed)
cefc = 0.25 Round-nose flap
Plain trailing-edge tab (sealed) ¢, /cg = 0.25 Round-nose tab
Low speed R, = 4.59 x 108
Compute:
ocy
(-a—at—) 5 = —0.0124 perdeg (Figure 6.1.3.3-4a)
Cps

—0.046 (Figure 6.1.3.3-4b)

H

ac, s
S
as,

e, = 0.11 perdeg (Table4.1.1-B)

I

—0.255 (Figure 6.1.3.3-5)

CQ,BI
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Solution:

dcy, ) achr a(:hr ac, 20
38 Y] ~ | ac dat as
ta, s, ey s, e s, bebr VY e s,

{(Equation 6.1.3.3-a)

—0.0124 — (-0.046)(0.11}-0.255)

I

—0.0124 — 0.0013

i

—0.0137 per deg

This compares with test values of —0.0115 per degree with transition strips and —0.0138 per degree
without transition strips, from Reference 2.

REFERENCES

Ames, M, B, Jr., and Sears, R. |.: Determination of Control-Surface Characteristics from NACA Piain Flap and Tab Data.
NACA TR 721, 1941. (U)

Brewer, J, D., and Queijo, M, J.: Wind-Tunnel [nvestigation of the Effect of Tab Balance on Tab and Controi-Surface
Characteristics. NACA TN 1403, 1947, (U}

Batson, A. 5., and Skelton, W. C.: Lift and Hinge Moment on Two-Dimensional Tabbed Controls at Low Speeds, ARC 17285,
1955. (U}

Sears, R. |., and Liddell, R. B.: Wind-Tunnel investigation of Control-Surface Characteristics. VI — A 30-Percent-Chard Plain
Flap on tha 0015 Airfoil. NACA L-454, 1942, {U)

Sears, R, 1., and Hoggard, H, P,, Jr.: Wind-Tunnel Investigation of Controt-Surface Characteristics. VIl — A Medium
Aerodynamic Balance of Two Nose Shapes Used with a 30-Percent-Chord Flap on an NACA 0015 Airfoil, NACA L-448,
1942, (V)

Sears, R. )., and Clarence, G. L.: Wind-Tunnel investigation of Control-Surface Characteristics. VIl — A Large Aerodynamic
Balance of Twe Nose Shapes Used with a 30-Percent-Chord Flap on an NACA 0015 Airfoil. NACA L-378, 1942, (U}

Ciarence, G. 1., and Lockwood, V. E.: Wind-Tunnel Investigation of Control-Surface Characteristics. X111 — Various Flap
Overhangs Used with a 30-Percent-Chord Flap on an NACA 66-009 Airfoil. NACA L-314, 1943, (W)

Wright, K. C.: Measurements of Two-Cimensional Derivatives on a Wing-Aileron-Tab System with a 1541 Section Aerofoil,
Part Il — Direct Tab and Cross Aileron-T ab Derivatives. ARC R&M 3029, 1958, (U)

Amaes, M, B,, Jr.: Wind-Tunnel | nvestigation of Control-Surface Characteristics. 11 — A Small Aerodynamic Balance of Various
Nose Shapes Used with a 30-Percent-Chord Flap en an NACA 0009 Airfoil. NACA L-301, 1841, {U)
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6.1.3.4 SECTION HINGE-MOMENT DERIVATIVE (cht) OF CONTROL
TAB DUE TO CONTROL SURFACE

A deflected flap or control surface causes pressure changes on the surfaces of the tab and control.
These pressure changes on the tab generally result in a change in the tab hinge moment.

DATCOM METHOD

The following method is taken from Reference | and is based on the two-dimensional NACA 0009
airfoil test data for round-nose, unbalanced controls, with sealed flap and tab gaps. This method is
limited to the low-speed linear hinge-moment range and should be restricted to flap deflections of

approximately +18° and the combinations of contro! deflection and angle of attack as indicated in
Figure 6.1.3-2.

The change in the low-speed tab section hinge-moment coefficient due to flap deflection, measured
at constant values of angle of attack and tab deflection, can be expressed as

dcy, acy, ocy oc
(T’) - ( T ) - (—a—' o (ff') 613,44
GLP o b f cpr C s 5.8, f cgr 8

t

where

measured at constant values of lift and tab deflection, This value is obtained
from Figure 6.1.3.44a.

acy,
(—-t-) is the change in tab section hinge-moment coefficient due to control deflection,
Co, O

acy

-t is the change in tab section hinge-moment coefficient with respect to lift
ac, 5. s coefficient, measured at constant values of flap and tab deflections. This value

"t js obtained from Figure 6.1.3.4-4b.

ac,

_— is the section lift-curve slope of the primary panel (wing, horizontal tail, etc.) at
O 84 6, constant values of tab and flap deflection. This value can be obtained from

Section 4.1.1.2.
(ia_) is the rate of change of angle of attack due to a change in flap deflection in the
a8, . 5. linear range at constant values of lift and tab deflection. This value can be
e ot

obtained from Figure 6.1.3.4-5,
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The above method does not quantitatively account for the effect of unsealing the tab gap. In view
of the difficulty of predicting the effects of seals and gaps, experimental data should be used
whenever possible. Figure 6.1.3.4-6a (from Reference 2) shows the effects of fixing transition and
sealing the tab gap on a modified NACA 65,012 airfoil. For these data, the flap-chord-to-wing-
chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and flap gap is sealed.

The effects of tab nose shape are not accounted for in the above method and experimental data
should be used whenever possible. However, the effect of tab nose shape as a function of nose
balance is presented in Figure 6.1.3.4-6b (from Reference 2} for a NACA 65,-012 airfoil with a tab
gap of 0.004c and transition strips at 0.01c.

Other parameters not accounted for in the above method include the effects of airfoil thickness and
trailing-edge angle. Unfortunately, not enough test data are available to evaluate the effects of either
of these variables on the section hinge-moment derivative. Additional test data, including the effects
of these variables on a limited number of flapped configurations, are presented in References 3
through 9 of Section 6.1.3.3.

Sample Problem

Given: The flap and tab configuration of Reference 2.

NACA 65,012 airfoil Plain trailing-edge flap (sealed)
cf/c = 0.25 Round-nose flap Plain trailing-edge tab (sealed)
cfe; = 025 Round-nose tab Low speed R, = 4.59x10°
Compute:
acht
(—-*') = —0.00188 per deg (Figure 6.1.3.4-4a)
L s
2t
acht
( ) = -0.011 (Figure 6.1.3.4-4b)
oc, -
£%1
oo
(-—— = -0.569 (Figure 6.1.3.4-5)
3d, s
e %t
G, = 0.11 per deg (Table 4.1.1-B)
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Solution:

E)c:ht
(=)

il
e

(=]
S|P
s L
\__-/

(acht) (6(:9) ( Ba)
\ 3 dax 35
5 “e b by t g 8,

(Equation 6.1.3.4-a)

a_.St c

—0.00188 — (-0.01110.11 (—0.569)

~0.00188 - 0.00069

—~0.00257 per deg

This compares with test values of —0.0012 per degree with transition strips and --0.0026 per degree
without transition strips, from Reference 2.

REFERENCES
1. Ames, M. B, Jr., and Sears, R. |.: Determination of Control-Surface Characteristics from NACA Plain Flap and Tab Data.
NACA TR 721, 1941, (U}
2, Brewer, J. D., and Queijo, M. J: Wind-Tunnel Investigation of the Effect of Tab Balance on Tab and Control-Surface

Characteristics, NACA TN 1403, 1947. (U)
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6.1.4 WING LIFT WITH HIGH-LIFT AND CONTROL DEVICES

6.1.4.1 CONTROL DERIVATIVE C; , OF HIGH-LIFT AND CONTROL DEVICES

A. SUBSONIC
Mechanical Flaps

The method used to estimate lift due to flap deflection at subsonic speeds is designed to make
maximum use of experimental airfoil section data when such data are available. This approach is
taken from Reference 1, wherein various existing methods have been combined to obtain a simple
procedure with general application.

Jet Flaps

Two methods are presented for estimating the jet-flap lift increment at small angles of attack (see
Section 6.1.1.1 for a sketch of the various jet-flap types and a discussion of the salient aspects).
More accurate and sophisticated lift methods than those presented here have been developed for
analyzing jet-flap configurations (such as the method presented in Reference 2). However, the more
sophisticated methods are not amenable to a handbook solution; i.e., they require the use of a
computer. Other modifications and approaches to the jet-flap problem are presented and discussed
in detail in Reference 3.

The first method (taken from Reference 4) evaluates the lift increment due to both flap deflection
and power effects for an internaliy-blown-flap (IBF) configuration. This method is based on the
theoretical two-dimensional jet-flap lift increment modified by Maskell’s theoretical correction

factor for finite-aspect-ratio effects and a crude part-span factor to account for partial-span flaps.
This method has not been substantiated because of the lack of published three-dimensional IBF
data. However, the method has yielded results within ten percent of test data for those cases that
have been evaluated (References 4 and 5).

The second method (taken from Reference 6) is used to evaluate the lift increment due only to
power effects for an externally-blown-flap (EBF) configuration. This method is based on Spence’s
two-dimensional jet-flap lift increment, modified by Hartunian’s theoretical correction factor for
finite-aspect-ratio effects and the ratio of flapped wing area to reference wing area to account for
partial-span effects. Substantiation of this method has not been presented here; however, a
substantiation of the method does appear in Reference 6 with an indicated average error of about
10 percent.

The nondimensional trailing-edge jet momentum coefficient for three-dimensional jet-flap configu-

rations is denoted by C;. The relationship to the two-dimensional jet momentum coefficient C,
(see Section 6.1.1.1 for definition) can be expressed as

b2
-—I f J dy
3
S
d -b/2

: b/2
= = cC dy
T
b2 6.1.4.1-1

9]
il



where

dy

is the jet momentum at the trailing edge.
is the spanwise wing increment.

is the free-stream dynamic pressure.

is the reference wing area,

is the wing span.

is the wing chord.

DATCOM METHODS

1. Mechanical Leading- and Trailing-Edge Devices

The lift increment developed by deflection of a control surface is given by

where

Ac,

6.1.4.1-2

Cr, [(aa)cL
ac, = Acg( Csza) & )cg] K, 6.1.4.1-a

is the section lift increment due to control deflection. Test data on the part'icular
flapped airfoil are preferred, but the increment can be estimated by the applicable

method of Section 6.1.1.1.

is the lift-curve slope of the wing with the flap retracted, based on the wing reference
area, obtained from the appropriate wing method of Paragraph A of Section 4.1.3.2.

is the section lift-curve slope of the basic airfoil, including the effects of
compressibility, obtained from Section 4.1.1.2.

is the ratio of the three-dimensional flap-effectiveness parameter to the two-
dimensional flap-effectiveness parameter, obtained from Figure 6.1.4.1-14 as a
function of wing aspect ratio and the theoretical value of (a;)_ . The theoretical
value of (ap )cg is obtained from the inset chart of Figure 6.1.4.1-14.

When experimental values of the section lift increment Ac, are used in Equa-
tion 6.1.4.1-a, the value of (as)cg used to obtain (o). L/(a:;)clz from Fig-
ure 6.1.4.1-14 should be calculated using

(Ace )experiment

@ leg = - Co,) O



with one exception; i.e., for area-suction- and blowing-type flaps,use the inset chart
of Figure 6.1.4.1-14.

is the flap-span factor obtained from Figure 6.1.4.1-15 as illustrated in Sketch (a).
control span ordinate

bf2

(Note: 7 is the span station, n =

1.0+

-\
IW N An—-:
) |——— A:n —«I .

SKETCH (a)

It should be noted that the control deflection angles and all dimensions are measured in planes
parallel or perpendicular to the plane of symmetry.

This method is restricted to the limitations of the methods used to evaluate the section lift
increments from Section 6.1.1.1.

Equation 6.1.4.1-a is applicable to leading-edge flaps and slats, and plain, split, and slotted
trailing-edge flaps. The lift increment due to combinations of leading-edge and trailing-edge devices
may be estimated by applying Equation 6.1.4.1-a to each device separately and adding the
individual increments. :

For the case of arbitrary spanwise distribution of control chord (constant-chord controls on tapered
wings or tapered controls on untapered wings), the control can be divided into spanwise steps and
the lift increment found by the summation of AC; values due to each spanwise step based on the
average values of Ac, and (o) cq OVer that spanwise step.

Low-speed values of AC, at o = 0, calculated using the Datcom method, are compared with test
values in Figures 6.1.4.1-16a,-16b, and -16 ¢ for wing-control combinations employing plain, split,
and slotted trailing-edge controls, respectively. All parameters used in the calculations were
estimated by using methods from the appropriate sections of the Datcom. The values
of (o) co used in the calculations were obtained from the inset of Figure 6.1.4.1-14. The ranges of
Reynolds numbers and geometric parameters of the test configurations are noted on the correlation
charts.
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2. Jet-Flap IBF Configuration

The lift increment due to flap deflection and power effects for an IBF configuration is given by

2C]'
A i 6.1.4.1b
AC, = Ac - 141
L ¢ TA +2+0.604C))/2 +0876C;| Sy
where
Ac, is the section lift increment due to flap deflection and power effects. Test data on
the particular flapped airfoil are preferred, but the increment can be estimated by
the jet-flap method of Section 6.1.1.1. (When using Section 6.1.1.1 the value
of Cy is substituted for the value of C; )
A, is the aspect ratio of the wing based on the total wing area S,, including any increase
in wing area due to flap extension,
C; is the three-dimensional trailing-edge jet momentum coefficient, based on the
blown-flap affected wing area Sw,, i.e.,
S
W
C; =C —
Swr
— is the ratio of the blown-flap affected wing area (schematically illustrated in
Sw _ Section 2.2.2) to the wing reference area. The blown-flap affected area includes any

increase in wing area due to flap extension.

As indicated above, this method 4as not been thoroughly substantiated and therefore should be
applied with caution,

It should be noted that the total lift coefficient for an IBF configuration can be found by adding
the lift increment from Equation 6.1.4.1-b to the flaps-retracted power-off lift coefficient, obtained
from test data or the appropriate methods of Section 4.

3. Jet-Flap EBF Configuration

The effective jet deflection angle §; . and the trailingedge momentum coefficient Cy are not
specifically defined for EBF configurations. This is due to the jet sheet being somewhat diffuse
rather than infinitesimally thin as assumed in jet-flap theory. For this reason it becomes necessary
to obtain the effective jet angle from static force tests, or to relate the jet angle to the trailing-edge
flap geometry. From correlation of test data (indicated in Reference 6), the best results are
obtained when the engine exhaust jet momentum is used directly to define the trailing-edge
momentum coefficient. Any losses in thrust must therefore be considered in the determination of
drag.
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The lift increment due to power effects for an EBF configuration is given by

where

41rd0

] eff

Swy
Sw

' 5.
1A, +2C| ] Jegr Swf o1
N

AC. = 4nd
L r [
e |:1vrAt + c,zm +2.01C) | 57.3 Sy,

is the theoretical effect of blowing on the lift derivative. This parameter is obtained
from Figure 6.1.4.1-18 as a function of the flap chord ratio c¢¢/c’ and trailing-edge
jet momentum coefficient C). (See Figure6.1.4.1-19a for a schematic definition
of cefc')

is the aspect ratio of the wing based on the total wing area Sy, including any increase
in wing area due to flap extension.

is the three-dimensional trailing-edge jet momentum coefficient, based on the blown-
. . '
flap-affected wing area Sw,ie.,Cy = Cj Sw/Swy.

is the two-dimensional jet-flap lift-curve slope uncorrected for thickness effects. This
term is obtained from Figure 6.1.1.1-49, using the trailing-edge jet momentum
coefficient Cj in place of C,.

is the effective jet deflection angle with respect to the airfoil chord, in degrees. If
possible, this value should be obtained from static force tests. When test data are not
available, the effective flap deflection angle may be approximated by using

1
5. = —(6 +8& 6.1.4.1-d
Tefp 2( ut8)

where the values for 8, and &§; are shown schematically in Figure 6.1.4.1-19b,
1s the ratio of the flap-affected wing area (schematically illustrated in Section 2.2.2)

to the wing reference area. The flap-affected area includes any increase in wing area
due to flap extension.

It should be noted that the total lift coefficient for an EBF configuration can be found by adding
the lift increment from Equation 6.1.4.1-c, the power-off mechanical-flap lift increment from

Equation 6.1.4
appropriate me

.1-a, and the flap-retracted power-off lift coefficient, obtained from test data or the
thods of Section 4.

Sample Problems

1. Mechanical Flaps

Given: The sweptback wing of Reference 7.

A =378

A = 0.586 A, = 45.46°

c/2
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NACA 65A006 airfoil Plain trailing-edge flap cle = 0.224
: br/b = 0.469 m, = 0.141 n, = 0.610 Sf = 22.19 (streamwise)
" Low speed; § = 1.0 R, = 6.1 x 10

tan(q&%E /2) = 0.0717 (streamwise airfoil section geometry)

Compute:
¢, and Ac, (Sections 4.1.1.2 and 6.1.1.1)
Co,
= 0.887 (Figure 4.1.1.2-8a)
. (cﬂ")theory
(cﬂ&)lheory = §.58 perrad (Figure 4.1.1.2-8b)

_1.05 Coq )
Cay = 5 | @) (c;za)thwry (Equation 4.1.1.2-a)

& theory

(1.05)0.887)(6.58) = 6.13 perrad

(c%)lhemy = 377 perrad (Figure 6.1.1.1-393)
Ce
S <0817 (Figure6.1.1.1-39b)
(CQB)(heory

K' = 0.780 (Figure 6.1.1.1-40)

Cp
Ac, = & l:-(-——:-)—i———] (Cq )theo” K' (Equation 6.1.1.1<)

theory

22.1
(—5'7—.'3-)(0.8 17X(3.77)(0.780)

= 0,927

Wing lift-curve slope (Section 4.1.3.2)
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A, 2 172 3.78 5,112
— = =— (1.0+(1. = 5.52
= (57 +ranta, ) e (1.0+(1.0162)2)
CL,
A = (0,798 per rad (Figure 4.1.3.2-49)

CL_ = 3.016 perrad

a

()., = —0.576 (Inset, Figure 6.1.4.1-14)

(CY5 )C

= 1.083 (Figure 6.1.4.1-14)
(as),
(Kb)nj = 0.190

(Figure 6.1.4.1-15)
(Kp). = 0.740
Mo

Kb = (Kb)ﬂo —(Kb)"’li = 0.550

Solution:

CLa (055 )CL
AC, Ac, K, (Equation 6.1.4.1-a)
Cey (o )CQ

3.016
(0.927) 13 (1.083)(0.550)

0.272

This compares with a test value of 0.255 from Reference 7.

2. Jet-Flap IBF Configuration

Given: The IBF configuration of Reference 5.

NACA 4424 airfoil Bf = 309 ﬁj = 220
Cg ¢’
— = 0.11 — = 1.0 A =60 A =60
c c !
t SWf St
CJ = 2.80 — =0.24 — = (.783 — = 1.0
c Sw Sw
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Compute:

!
280y ——
( ) 0.783

3.576

It

k, = 0.80 (average airfoil)

g, = 10.0 per rad
Figure 6.1.1.1-49
cqﬁj = 8.9 per rad
Ac, = 1 +k, -E,- 5f(CQ5f_Cu)+Cu5f
t I r C' E . k
+ |1tk _c-' 6j (C%j —C‘u)-i-C‘hl Gj -E (Equation 6.1.1.1-k)
= [1+(0.80)(0.24)] 32-(100 3.576)+ 3.576 30
B ' lsr3t ' ' 57.3
+[1+(0.80)0.24)] 22 (8.9 —3.576)+3.576 2L
0. ' 5737 ) ' 57.3
= 401 +187+244+1.37
= 9.69
Solution:
A +2C"
- Sw _
AC, = Acg, ; ; (Equation 6.1.4.1-b)
A, +2+0.604(C)'2 +0876 C; ] Sw

2(3.57
6‘0.'. _(__6—)

T 0.783
6.0+ 2.0+ 0.604 (3.576)!/2 + 0.876 (3.576)

9.69

5.12 (lift increment due to flap deflection and power effects)

il

This compares with a test value of 5.03 from Reference 5.
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3. Jet-Flap EBF Configuration

Given: The EBF configuration of Reference 8.

< '
- = (0.556 — = 1.336 (without leading-edge extension)
c c
- ? - 2
Sy = 8.43f1t Sw, = 9.58 1t
A = 723 A, = 5.62
5, = 61° 6, = 50°
Compute:

1
8ippp = 5(6“ +48,) (Equation 6.1.4.1-d)

1
= —(61+ 50
2( )
= §5.59
¢ Crysc
—=(5)(5)
0556 _ o
1.336 )

ce, = 9.66perrad (Figure 6.1.1.1-49)

4rd_ = 3.48 (Figure 6.1.4.1-18)

Solution:

- 5
‘ﬂ'At + QCE Tef Swf
AC, = 4nmd - {Equation 6.1.4.1-¢c)
| TA o, +2.01C) |\ 57.3 Sy

- 348 [ 7(5.62) + (2)(1.53) (55.5)(9.58
| 7(5.62) +9.66 + (2.01)(1.53) | \57.3 3.43)

= 2.61 (lift increment due to power effects only)
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This compares with a test value of 2.45 from Reference 8.
B. TRANSONIC

No accurate method is available for predicting the control derivative CL; at transonic speeds.
Mixed flow conditions and interrelated shockwave and boundary-layer-separation effects cause
extreme nonlinearities in this parameter in the transonic regime. The method presented herein is
based on the observation that experimental data indicate that Cg s follows the same trend as the
lift-curve slope through the transonic regime.

DATCOM METHOD

A first-order approximation to the control derivative Cp s at transonic speeds for mechanical
trailing-edge flaps is given by

= Cis
CLs = CLspyooe I 6.1.4.1¢
5M=0.6
where
C15M305 is the lift effectiveness, calculated by the method of Paragraph A of this section,

at M = 0.6, ie.,

Cie

&
js the ratio of the rolling-effectiveness parameter at the Mach number in question to

Clsp-06 thatatM = 0.6, obtained by the method of Paragraph B of Section 6.2.1.1.
C. SUPERSONIC
At supersonic speeds, the lift effectiveness of plain trailing-edge controls is predicted by the
theoretical method presented in Reference 9. The restrictions used in the derivation of the method

are as follows:

1. Leading and trailing edges of the control surface are swept ahead of the Mach lines from
the deflected controls.

2. Control root and tip chords are parallel to the plane of symmetry.

3. Controls are located either at the wing tip or far enough inboard so that the outermost
Mach lines from the deflected controls do not cross the wing tip.

4. Innermost Mach lines from the deflected controls do not cross the wing root chord.

5. Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips.

6.1.4.1-10



6. Controls are not influenced by the tip conical flow from the opposite wing panel or by
the interaction of the wing-root Mach cone with the wing tip.

DATCOM METHCD

The trailing-edge flap effectiveness C, at supersonic speeds for a symmetric, straight-sided flap is
given by

CZ Sf
CLy, = [1-=—0;4) CLs — 6.1.4.10-f
’ Cl T ’ SW

C
2 . . . ..
where (1 o ¢ E) is a thickness correction factor to the supersonic flat-plate derivative.
1

2
¢, = ————— (per radian)
M2 —1

_ Gt M —aM? - 1)

C, (per radian)
2M? - 1)?

drE is the trailing-edge angle in radians, measured normal to the control hinge line.

¥ is the ratio of specific heats,y = 1.4.

CL 5 is the lift effectiveness of one symmetric, straight-sided flap, based on the area of the
flap. This parameter is obtained from Figures 6.1.4.1-20a through 6.1 .4.1-20j for
flaps located at the wing tip and from Figure 6.1.4.1-25 for flaps located inboard
from the wing tip.

S¢

?— is the ratio of the total flap area (both sides of wing) to the total wing area.
W

1t should be noted that control deflection angles are measured streamwise.
Not enough supersonic test data are available to allow substantiation of this method.
Sample Problem

Given: A wing-flap configuration with the following characteristics:

[}

Sw 46.5 sq ft Ty = 40ft by = 12011

It

= o = 0O
Ay = 0.55 Ag = 42 Agg = 277

6.1.4.1-11



Symmetric, straight-sided inboard flap

- 0 -
AygL < 30.8 S; = 471 ft
Additional Characteristics:
‘M = 1590; 8 = 1.62
Compute;
2
¢, = —=*= 1.235 perrad
M2 )
(y+ DM* —4M2 — 1)
2 = per rad

2AM?2 - 1)?

(2.4)(1.90)* — 4 {(1.90)2 — 1] _ 2084

b= 65ft A = 0715  épp

2((1.90)2 — 112

tan Ayg  0.5250
8 1.62

= 0.324

= 1.53 d
13.62 perra

BCL, = 0.074 per deg (Figure 6.1.4.1-25)

CLs = 0.0457 per deg
Solution:
_ C, .5
Coy = 1 "_E'I'¢TE CL&'Q

0.00433 per deg

(Equation 6.1.4.1-f)

153 { 3.0 ) 471
(==} =)| 00457 —=
[] (1.235) (57.3 ](O " 65
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(a) PLAIN FLAPS

1.2
REF. SYMBOL 0.6 = Rgx10® = 15.0
3 g 20 = A = 6.0
1.0 ‘5* o 0 =< A < 1.0
S g 0 = Ayp = 455°
J 7o o 030= bg/b < 10
Ac 84 8 N o © 0.10 = cf/c = 0.25
Lcaic 2 0 3 @ & 59 <& = 60°
N IR
. o
4 s
o
2
0 L3
0o 2 4 6 8 1.0 1.2
's
Ltest
(b) SPLIT FLAPS
1. 2TREF, SYMBOL 40 = Ryx100 =< 84
3 0 394 s A = 802
{o4 11 2 040 = A = 10
~112 © 2720 < A < 4839
13 v 0.35 4
8- 14 O . - bf/b = 10
. 15 o 0.177 = ¢ffc = 0.20
ACL e ' o ¢ < 8 = 60°
6
[o]
4
[A)
2
0
o 2 4 6 8 10 12
AC
Ltest

FIGURE 6.1.4.1-16 CORRELATION OF CALCULATED AND EXPERIMENTAL DATA FOR THE

INCREMENTAL LIFT DEVELOPED BY DEFLECTION OF CONTROLS AT

SUBSONIC SPEEDS
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(¢) SLOTTED FLAPS

SINGLE SLOTTED DOUBLE SLOTTED
40 < Rgx10% =146 Ry = 4.4 x 106
20 = A < 9.02 A =902
0 = A < 040 X = 040
-2.720 = AC/2 = 56.30 A /2= _2‘.720
0306 < bgb < 0.975 b;b= 0.60
0.20 = Cf/C =< 0.22 C’/C = 1.144
9.4° < ] < 459 5 = 500
2.2
2.0

REF. SYMBOL SLOTS ® |
1g4-. 16 O ONE
‘ 17 A

12 0
.61 18 v

12 < TWO
1.4 L}
I.2

Leale a
1.0
.8
.6
4
A
odL ||
L 1
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Ltest

FIGURE 6.1.4.1-16 (CONTD)
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Parallel to wing chord line
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FIGURE 6.1.4.1-19b. EFFECTIVE JET DEFLECTION ANGLE FOR AN EBF CONFIGURATION
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6.1.4.2 WING LIFT-CURVE SLOPE WITH HIGH-LIFT AND CONTROL DEVICES

According to linear wing theory, camber, such as that due to flaps, does not affect the lift-curve
slope. Linear theory also predicts that, for translating types of leading- or trailingedge flaps, the
lift-curve slope will increase as a result of the additional wing area. Recently, linear theory has also
been applied to wings with blown flaps and shows an increase in lift-curve slope with increasing
trailing-edge jet momentum. Within the limitation that the flow does not separate from the surface
of the wing or flap, experimental data verify these predictions.

The effects of these devices on the two-dimensional airfoil section lift-curve slope are discussed in
Section 6.1.1.2. The discussion and methods of that section are directly applicable to the
three-dimensional wing.

DATCOM METHODS
1. Leading- and Trailing-Edge Mechanical Flaps

For wings with nontranslating leading- and trailing-edge flaps, the lift-curve slope of the flap-
deflected wing is assumed to be the same as that of the flap-retracted wing, as given in Section
4.1.3.2. This assumption is valid for the linear-lift range of angles of attack and flap deflection.

For wings with translating leading- and trailing-edge flaps, a correction is made to the flaps-up
lift-curve slope by means of the equation

¢’ Swf
(CLa)a B [(—(-: Bl l) —S;](CLa)li’O +(CLa)5=0 6.1.4.2-2

(CL ) is the lift-curve slope of the flap-deflected wing, based on the area of the
*® " flap-retracted wing.

is the lift-curve slope of the flap-retracted wing from test data or Section 4.1.3.2.

s is the ratio of the flap-affected wing area to the wing reference area. The area Swe
W is schematically illustrated in Section 2.2.2, and does not include any increase in
wing due to flap extensions.

z— is the ratio of the extended wing chord to the chord of the flap-retracted wing. In
measuring ¢’ of a single-slotted trailing-edge flap or a leading-edge slat, the flap or
slat is rotated from its deflected position about the point of intersection of the flap
or slat chord with the- wing chord until the two coincide. In measuring ¢ of a
double-slotted flap, the aft flap is first rotated from its deflected position about the
point of intersection of the aft-flap chord and the chord of the forward flap until
the two chords coincide: then both flaps are rotated from the deflection of the
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forward flap about the point of intersection of the forward-flap chord with the wing
chord until these two coincide. (See Figures 6.1.1.1-44 through 46, and -51.)

For the case of arbitrary spanwise distribution of flap chord {constant-chord flaps on tapered wings
or tapered flaps on untapered wings), the flap can be divided into spanwise steps and the correction
factor to be applied to the flaps-up lift-curve slope found by the summation of the correction
factors due to each spanwise step based on the average value of c’/c and Sw; /Sw over that

“spanwise step.
2. JetFlaps

The method presented herein for estimating the lift-curve slope of a wing with a blown flap is a
modification of the method presented in Reference 1. Similar methods appear in References 2
and 3. The assumpticns made in the development of the method are as follows: inviscid flow,
elliptical loading, high-aspect-ratio configuration, full-span trailing-edge flaps, and constant spanwise
sectional momentum coefficient. Despite these limitations, the theory has been successfully adapted
to handle configurations outside the range of these assumptions. Specifically, this method is strictly
valid only for the pure jet-flap and the internally-blown-flap (IBF) systems; however, it has been
“applied with good success to wings with externally-blown flaps (EBF).

This method uses an aspect-ratio correction factor based on Hartunian's work (Reference 4).
Mathematically. the aspect-ratio correction factor allows the method to be applied to wings of any
aspect ratio. However, the validity of the method for aspect ratios less than five is unknown. The
fact that the data presented in Figure 6.1.4.2-9 allow the method to be applied to low-aspect-ratio
configurations must not be construed to mean that the Datcom recommends such use.

The corrections of the method for part-span blowing and large trailing-edge flap deflections are not
inherent in Hartunian’s aspect-ratio correction factor.

An implicit assumption of this method is that the flow on the unblown wing is attached.
Unfortunately, the blown-flap systems now being tested do not always exhibit attached flow for an
unblown condition. However, such designs are acceptable, since blowing provides a type of
automatic boundary-layer control that causes the flow to reattach. But it does prohibit the use of
experimental data to determine the lift-curve slope of the unblown flap-deflected wing where
separation is a possibility.

The lift-curve slope (near zero angle of attack) of a wing with a trailing-edge jet flap, based on the
flap-retracted wing area, is given by

C, (cos ajefr -1

c, = |C KA,C’MIK+1}+

L (,Hm)ﬁ{[(l -1 K, = 6.1.4.2:
where

(C ) is the lift-curve slope of the unblown flap-deflected wing, with attached flow. This

Lals parameter can be obtained from experimental data if no separation exists, or from

the mechanical-flap method of this section.

K(A‘C;) is the jet momentum aspec}-ratio correction factor obtained from Figure 6.1.4.2-9
as a function of A, and Cj, Where
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A, is the aspect ratio of the wing based on the total wing area S, , including any
increase in wing area due to flap extension.

C} 15 the three-dimensional trailing-edge jet momentum coefficient based on the
blown-flap affected area Swy; i.e.,
.
T T M
Swl.
where
Sy /Sy is the ratio of the blown-flap affected area {schematically
f illustrated in Sketch{(a)) to the wing reference area. The
blown-flap affected area includes any increase in wing area due
to flap extensions.
SKETCH (a)
K, is the flap-span factor from Figureo.1.4.1-15,using the A = 1 curve, as illustrated in

Sketch (2) of Section 6.1.4.1.
G is the trailing-edge jet momentum coefficient based on the flap-retracted wing area.
is the effective jet deflection angle with respect to the airfoil chord, in degrees. If
possible, this value should be obtained from static force tests. When test data are not

available for an externally-blown-flap (EBF) configuration, the effective flap
deflection angle may be approximated by using Equation 6.1.4.1d, j.e.,

1
(Sjeﬂ' = -2-' (6u+69)

where the values for 8, and 8; are shown schematically in Figure 6.1.4.1-19h

A data summary and substantiation of this method are presented in Table 6.1.4.2-A.
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Sample Problems
1. Leading-edge slat

Given: The wing of Reference 5 with a 50-percent-span leading-edge slat.

A =60 Ay, = 328° A =050 ¢'fe = 1.10 Swy/Sy = 0.429
Low speed; 8 = 1.0 k = 1.0 {assumed)
Compute:

A 1/2
- (6% +tan’ A, - (6.0)[1.0+(0_6445)2]lsz = 714
(Cradsg
—"“A—‘ = 0.67 perrad  (Figure 4.1.3.2-49)
(CLa)5=o = 4,02 perrad = 0.0702 per deg
Solution:
¢ Swe _
(CL,,)s = (—;—l) E‘—V" (CLa)5=0 +(C1u)5=0 {Equation 6.1.4.2-a)

[(1.10 — 1.0)(0.420)} 0.0702 + 0.0702

L}

0.0732 per deg (based on Sy;)

This compares with a test value of 0.0720 per degree from Reference 5.

2. JetFlap

Given: The sweptback wing-body configuration of Reference 6 with a trailing-edge double-slotted
EBF system.

WING SEGMENT NUMBER

iR

Note: All leading-edge and
trailing-edge devices are shown

rotated into the wing plane.
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Wing Characteristics:

A =775 Sy = 7.87 ft? b = 95.08 in.
A = 0336 ¢, = 19.49 in, ¢, = 6.54in,
T = 13.22in. ¥z = 19.33in.

To facilitate calculations, the wing has been divided into segments as shown in the
preceding sketch. The divisions are made at the sweep discontinuity and at the
discontinuities in leading- and trailing-edge flaps.

S(ft2) S¢(ft?)
Sections (flaps retracted) c'lc (flaps extended)
1 1.253 1.000 1.253
2 0.909 1.421 1.311
3 1.650 1.253 2.069
4 0.617 1.521 0933
S 2.076 1.521 3.178
6 1.365 1.268 1.847
:ﬁ’:;: ‘f:; :’e 7.870 10.59 fe2

Flap Characteristics:

Double-slotted trailing-edge flap:

Forward segment: ¢/c = 0.22 8, = 30°
Aft segment: . c/c = 0.24 b, = 30°
7, = 0.102 1, = 0.720 Biogr = 60°

Krueger leading-edge flap:

0.168

]

Inboard segment: ce/c

0.268

Outboard segment; ce/c
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Additional Characteristics:

R, = 0.35x 10° V = 50 ft/sec C, = 3.18

Low speed; 8 = 1.0 k = 1.0 {(assumed) chz = 21.1° {average value)

Compute:

Determine the unblown lift-curve slope for both leading- and traiting-edge flap extension.

A 1/2 7.75 12

LA ) 2 _ 1D 2 -

- {82 +tanA ] 5 [1.0+(0.3859)%] 8.307
CLyj, .

(__als;g = 0.602 perrad (Figure 4.1.3.2-49)

(CLa)a=o = 4.666 perrad = 0.0814 perdeg

Since the wing has been divided into 6 segments, Equation 6.1.4.2-a should be written as

6

= R P Equation 6.1.4.2
(Co), = (*E* ) S, (Cry) .0 +(Ciy)ug (Equation 6.1.4.2-a)
n=1
0 0.909 1.650 0.617
= 00— 1.0y — +(1.421- +(1.253—-1.0 +(1.521-1.0y——
[(1 0 0) 7.87 ( LO 7.87 (1.25 ) 7.87 (1.521-1.0) 7.87

+(1.521-1.0)

2.076
8

1.365
+(1.278-1. -—'—] 0.0814 + 0.0814
7.87 ( 1o 7.87 ‘

(0.3264)(0.0814) + 0.0814

0.108

Determine the blown lift-curve slope for both leading- and trailing-edge flap extension.

A = (95.08)*
t 7 (144)(10.59)

The value of Sw, is found by adding the flap-extended wing area for segments 2 through
S;i.e., Sw,=7.491 ft2.

T

G

I
w
—
o
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K(A¢,C)) = 1.795  (Figure 6.1.4.2-9)

(Ky), = 0.13

(Figure 6.1.4.1-15)
(K,)) =082

fio
Ky, = 0.82 - 0.13 = 0.69

Solution:

CJ(cos Bjm -1

= (Cy), {[KAC) 11K, +1}+ 3 (Equation 6.1.4.2-b)

Cp

o

3.18(0.50 - 1)
= (0.108) {{1.795 - 11(0.69) + 1} r—

= 0.167 — 0.0277
= 0.139 perdeg

This compares with a test value of 0.130 per degree from Reference 6.
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TABLE 6.1.4.2.A

EFFECT OF JET MOMENTUM ON LIFT-CURVE SLOPE
DATA SUMMARY AND SUBSTANTIATION

SUBSONIC

]
Aeya LI C, Ciy Percent
Ref A (deg} {deg Flap Type Cy Cale Test Error
6 7275 | 211 60 Double-slotted EBF with 1.06 0,122 0.110 109
L. E. Krueger 2.12 0.133 0130 23
‘ 3.18 0.141 0.130 85
] Y 4.24 0.146 0.139 5.0
7 7.0 0 35 Double-siotted EBF with |  2.75 0.153 0.178 —14.0
L. E. slat 413 0.168 0.200 —16.0
5.50 0,181 0.220 -17.7
55 413 0.167 0.160 4.4
Y Y i 5.50 0.179 0.192 68
8 6.0 0 30 Plain IBF 0.85 0.097 0.100 -3.0
¥ ¥ { { 2.07 0.115 0.118 -0.9
9 782 | 324 20 Double-slotted EBF with | 2.0 0.128 0.145 1.7
¥ ¥ 50 L.E.slat 2.0 0.118 0.114 35

10 7.0 21.3 80 Double-siotted EBF with | 2.0 0.120 0.120 0

¥ ) ¥ ¥ L. E. stat 30 0.127 0.127 0
13 7.0 2.8 23 Double-slotted EBF with [ 2.0 0.125 0.147 —15.0
¥ 60 L. E. slat & fiap 3.0 0.124 0.144 -139
7.0 a1 60 L.E.slat 29 0.158 0.133 18.8
11 7.0 31.9 18.8 Plain 1BF 3.08 0.125 0.149 -16.1
12 662 | 269 60 Single-stotted EBF 2.95 0.103 0.112 ~8.0

Elel
Average Error = —— = B.8%
n

*The data indicats that the fiow Is probably unattached, which may account for the larga errors in this case,
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6.1.4.3 WING MAXIMUM LIFT WITH HIGH-LIFT AND CONTROL DEVICES

The estimation of wing maximum-ift coefficient is at best approximate. The stalling characteristics
of various kinds of wings often take on an entirely different character from the stalling
characteristics of airfoil sections. Stall may begin at the wing tips or may occur initially at the
inboard flapped sections, depending upon the amount of sweep, taper ratio, and the difference in
stall angle between the flapped and unflapped sections. Leading-edge devices can markedly alter the
character of the stall. Large crossflow components on the wing at the stall make estimates based on
section data inaccurate,

Tabulated data from 142 reports are presented in Reference 1. Results are shown for many

planforms with and without various configurations of leading- and trailing-edge flaps, fences, and

slats. Values of CLpax and ac, are given in tabular form. Summary data from Reference | are
m

ax
shown in Figures 6.1.4.3-7 through 6.1.4.3-9.

Figure 6.1.4.3-7 illustrates the effect of sweep on the maximum lift effectiveness of trailing-edge
flaps. It can be seen that at high angles of sweep, flap deflection can actually decrease maximum
iift. This results partially from the additional induced effects when flaps are deflected, causing the
tips to stall. Figure 6.1.4.3-8 shows representative effects on (. of two sweptback wings with
varying flap-span ratios,

Because of their boundary-layer -control properties, double-slotted flaps are capable of producing
larger C. max MNCrements.

Maximum lift increments of leading-edge and trailing-edge flaps cannot, in general, be added when
these devices are used in combination. A brief summary of maximum lift coefficients for swept
wings is presented in Figure 6.1.4.3-9,

Separate methods are presented herein for estimating the wing maximum lift due to each of the
following: mechanical trailing-edge fiaps, slats, and jet flaps (externally-blown flaps only).

Mechanical Trailing-Edge Flaps

The Datcom method for trailing-edge flaps is semiempirical and converts two-dimensional data into
three-dimensional characteristics as affected by wing planform, airfoil section characteristics across
the span, flap type and geometry, and flap span. The method is intended to be used as a first-order
approximation of wing maximum-lift coefficients when experimental data are not available.

Slats

The Datcom method for slats is an empirical method that assumes a section maximum-lift value of
1.28. This method estimates the maximum obtainable lift increment for a particular slat span,
slat-chord-to-wing-chord ratio, and wing quarter-chord sweep. If a test value for the slat section
maximum lift is available, it can be substituted for the assumed value of 1.28. Attempts to use the
predicted section maximum-ift value from Section 6.1. 1.3 have been unsatisfactory, as the resulting
estimates underpredicted the test values. The method has not been substantiated beyond the test
data that were used to formulate the method (which indicated a variation in agreement). Therefore,
the method is intended to be used only as a first approximation of the slat maximum-lift increment
when experimental data are not available.

Jet Flaps

The jet-flap method presented is for predicting the maximum-lift coefficient for an externally-
blown-flap (EBF) configuration; no method is currently presented for an internally-blown-flap
(IBF) configuration. The Daicom method for EBF configurations is an empirical approximation

6.1.4.3-1



taken from Reference 2. The maximum-lift coefficient therein is reasoned to be a function of the
total camber of the wing, and blowing is considered to act as an effective camber increase. The
measurement of the increase in camber is taken to be the component of thrust normal to the airfoil.
This method is intended to be a first-order approximation of the maximum-lift increment due to
power effects. Substantiation of this method is not presented here; however, a substantiation of the
method does appear in References 2 and 3.

A semiempirical method for an EBF configuration, based on the assurnption of a leading-ed ge stall
and the use of basic jet-flap theory, is given in Reference 3. The method provides good correlation
with measured values when an empirical factor is added. However, the use of this method depends
upon the availability of test data for the effective jet deflection angle, the measured turning
efficiency, and the power-off stall angle of attack. If these test data are available, this method is
preferable to the Datcom method presented herein.

DATCOM METHODS
1. Mechanical Trailing-Edge Flaps

The increment in maximum-lift coefficient due to trailingedge flap deflection is given by the
equation

Sw

£
AC = Ac — K 6.1.4.3-a

L max Lmax Sw A
where
Ac, is the increment in airfoil section maximum-lift coefficient due to trailing-edge flaps,
maX  obtained from Section 6.1.1.3.
Swf
—é—-* is the ratio of the flap-affected wing area to the total wing area. The flap-affected
W wing area does not include any increase in wing area due to flap extension.

K, is an empirically derived correction factor that accounts for the effects of wing

planform. This parameter is obtained from Figure 6.1.4.3-10 as a function of the
sweepback of the wing quarter-chord line.

It should be noted that the flap deflection angles and all dimensions are measured in planes parallel
or perpendicular to the plane of symmetry.

2. Slats

The increment in maximumdift coefficient due to leading-edge slat deflection, based on the wing
reference area, is given by

Cf/c bslat 2
AC = 1.28 | — 2 A )
L max (0.18) ( b, ) COS™ Agpy 6.1.4.3-b

where

- is the ratio of the leading-edge-slat chord to the wing chord (see Figure 6.1.1.1-51).
c
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Ac/4

3. Jet Flaps

is the ratio of the total slat span to the exposed wing span. For a segmented
leading-edge slat, b .. IS the total span of the segments. (See Section 4.3.1.2 for the
definition of the exposed wing span.)

is the sweep of the quarter chord.

The increment in maximum-ift coefficient due to power effects for an EBF configuration is
approximated from Figure 6.1.4.3-12, as a function of the thrust normal to the airfoil, defined as

where

jcff

7n,C, sin 6.
v lefr

is the static turning efficiency defined as the resultant force divided by the gross
thrust. This value should be obtained from test data if available, or it may be
approximated for double- or triple-slotted flaps from Figure 6.1.4.3-11, as a
function of the effective jet deflection angle. (See Sketch (a).)

Fg Fpn

Fu

é tan” ' (Fy/Fp)

Jeff =
n,= Fg /T
SKETCH (a)

is the nondimensional trailing-edge jet momentum coefficient based on the gross
engine thrust and the wing reference area. (See Section 6.1.4.] for a definition.)

is the effective jet deflection angle with respect to the airfoil chord. If possible, this
value should be obtained from static force tests, When test data are not available, the
effective flap deflection angle may be approximated by using Equation 6.1.4.1d;

ie.,

1
. = -(6 + &
81eff 2 ®, o)

where Bu and b‘g are defined in Section 6.1.4.1.

6.1.4.3-3



Sarnple Problems
1. Mechanical Trailing-Edge Flaps

Given: The wing-flap configuration of Reference 2.

A = 5.1 A = 0.383 Ags =
NACA 64-210 airfoil (L.286c) (/) oamwise
Single-slotted flap cfc = 0258 8 = 15.6°
SWf
— = 0.378 R, = 6.0 x 10°
S
w .
Compute:
Ac, (Section 6.1.1.3)
max
(8¢, | = 1045 (Figure 6113120
-max base
k, = 1.010 (Figure 6.1.1.3-12b)
k, = 0.605 (Figure 6.1.1.3-13a)
Actual {1 i 15.
ctual flap angle _5_6 - 0347
Reference flap angle 45

k; = 0.445 (Figure 6.1.1.3-13b)

k kyky (Ac,2 ) (Equation 6.1.1.3-a)
max

base

Ac,

max

H

(1.010) (0.605) (0.445) (1.045)

= 0.284
K, = 0.730 (Figure 6.1.4.3-10)
Solution:
S
- Yt .
ACLm“ = Acﬂmax S—w— K, (Equation 6.1.4.3-a)

(0.284) (0.378) (0.730)

H

0.0784 (based on Sy )
6.1.4.34



This compares with a test value of 0.075 from Reference 2.

2. Slats

Given: The wing-body configuration of an A4D-1 Flight Trainer

¢ b
—_f = 0!77 Ac"4 - 33.20 slat _ 0‘535
[ be
Compute:
Cf/c bslat 2
ACI"max = 128 (0 18)( b ) cos’ Ac]4 {Equation 6.1.4.3-b)
' e
0.177 5
- 2) () ©535 ©700)

0.252 (based on Sw)

This compares with a test value of 0.295,

3. let-Flap EBF Configuration
Given: The wing-body configuration of Reference §.

C, = 3.8 & = 60° §, =173° b, > 52°

Double-Slotted Flaps

Compute:
Jesr % (6, *6,) (Equation 6.1.4.1-d)
-1 (73 + 52)
2
= 62.5°
7, = 0383 (Figure 6.1.4.3-11)

ﬂFj sin Sjeff = (0.583) (3.18) (0.887) = 1.644

ac, = 4,65 (Figure 6.1.4.3-12, lift increment due only to power effects, based on Sy)

max

This compares with a test value of 5.35 from Reference 5.
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(a)
NACA 23012 (perpendicular to leading edge)

, A= L0 half-span splic flap
A= 503
A= 436
A= 356
4
‘ A= 252
AC
Lmax
.24
. R, = .99 x 10° 10 1.98 x 105 (based on MAC)
0 10 20 30 40 50 60
AC/4 (deg)
(b)
NACA 65A006 (parallel to plane of symmetry)
A=4 A=6 half-span split flap
6 %
AC 41
Lmax

R, = 6.0% 106 (based on MAC)

-2 r T v Y Y 1
0 10 20 30 40 50 60

FIGURE 6.1.4.3-7 TYPICAL EFFECTS OF WING SWEEP ON MAXIMUM-LIFT INCREMENTS
DUE TO SPLIT TRAILING-EDGE FLAPS
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FIGURE 6.1.4.3-8 EFFECT OF SPANWISE FLAP EXTENT ON WING MAXIMUM LIFT INCREMENT
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FIGURE 6.1.4.3-9 SUMMARY CHART OF MAXIMUM LIFT COEFFICIENTS OBTAINED WITH
VARIOUS TYPES OF TRAILING-EDGE FLAPS
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FIGURE6.1.4.3-10 PLANFORM CORRECTION FACTOR — TRAILING-EDGE FLAPS
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FIGURE 6.1.4.3-12 CORRELATION OF MAXIMUM LIFT DUE TO POWER
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6.1.5 WING PITCHING MOMENT WITH HIGH-LIFT AND CONTROL DEVICES

The following sections give the effect of flap deflection on wing pitching-moment coefficient at subsonic,
transonic, and supersonic speeds. Section data from other portions of the Datcom are used. Although the
methods are developed for trailing-edge flaps, they can be applied to leading-edge flaps, slats, and spoilers,
provided the proper section data are available or can be estimated. However, the methods presented are
applicable to the angle-of-attack and flap-deflection ranges for which linear aerodynamic control character-
istics exist, A chart showing the linear-1ift range for a particular airfoil is shown in Section 6.1.3. In general,
the linear-lift range for wings is considerably shorter than that shown in this chart, particularly for swept and
low-aspect-ratio wings. For swept wings, the effects of spanwise boundary-layer flow, induced camber, and
leading-edge vortices are pronounced and tend to nonlinearize the control or flap characteristics. For low-
aspect-ratio wings, section characteristics are not important and, generally, the linear range is shorter than
those of their section counterparts.

Leading- and trailing-edge flaps frequently have a pronounced effect upon the longitudinal stability charac-
teristics of wings. Reference 1 gives a summary of these effects. Figures 6.1.5-2a and 6.1.5-2b are reproduced
from this reference. Figure 6.1.5-2a shows the increase in stability that can be obtained from leading-edge
flaps, slats, and fences. The basic curve is also shown in Section 4.1.4.3. Figure 6.1.5-2b shows the effect of
spanwise extent of leading- and trailing-edge flaps on longitudinal stability for a parficular wing.

REFERENCE
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6.1.5.1 PITCHING-MOMENT INCREMENT AC_ DUE TO HIGH-LIFT
AND CONTROL DEVICES

A. SUBSONIC

Methods are presented in this section for estimating the pitching-moment characteristics for most
common highJift devices in use today and for some of the blown flaps being considered for STOL
aircraft. These methods are valid only in the linear-lift region (preferably near zero angle of attack).
The effect of these devices on the variation of pitching moment with angle of attack is presented in
Section 6.1.5.2, except for the jet flap, which is presented in this section. Considerations of clarity
and simplicity of presentation dictated this deviation from standard Datcom practice. The reader is
referred to Sections 6.1.1.1 and 6.1.2.1 for a discussion of the salient aspects regarding the various
types of high-lift devices.

The assumption is made that the characteristics of a trailing-edge flap are independent of any
leadingedge device, and/or the characteristics of a leading-edge device are independent of any
mechanical trailing-edge flap. In reality this is not quite true, but the methods of this section are not
sufficiently refined to account for these interference effects. This assumption cannot be justified in
the case of the more powerful jet flap.

Trailing-Edge Mechanical Flaps

Two methods are presented for estimating the pitching-moment increment due to trailing-edge
mechanical flaps at small angles of attack and low speeds. Both methods are applicable to all types
~ of flaps and to high-flap-deflection ranges, provided proper section data are used.

Method 1 (Reference 1) is substantially easier to apply than Method 2 (Reference 2). A data
summary and substantiation of Method 1 are presented in Table 6.1.5.1-A. The resulting mean error
of the pitching-moment increment due to flap deflection is +0.053. For configurations with
quarter-chord sweep angles greater than 459, caution should be exercised, since the accuracy of the
method is questionable in this range.

Method 2 uses linear theory for subsonic compressible flow, together with two-dimensional airfoil
data adjusted for the effects of sweep. The additional feature of this method is that it requires the
determination of the spanwise loading of the wing due to flap deflection. It is this feature that
makes this method cumbersome to use. This method is not substantiated here; however, a
substantiation of the method does appear in Reference 2 with a reported mean error of
pitching-moment increment due to flap deflection of £0.02.

Leading-Edge Mechanical Devices

Although the second method described above should be equally applicable to leading-edge devices,
no substantiation of such use has been found. The use of a method as complex as this one cannot be
justified when the small pitching moments and nonlinear characteristics of leading-edge devices are
considered. Therefore, a simpler method is presented for estimating the effect of conventional
leading-edge devices on the pitching moment. This method is based on the thin-airfoil,
two-dimensional method, uncormrected for three-dimensional effects. Although the accuracy of the
method is not as good as desired, no trends in three-dimensional parameters, such as aspect ratio,
taper ratio, or sweep, have been observed that would improve the accuracy.

6.1.5.1-1



The lack of accuracy is to be expected, since the linear theory is intrinsically unable to handle the
large deflections typical of leading-edge devices or to predict the nonlinear characteristics evident in
the test data.

Jet Flaps

The method presented herein (taken in part from Reference 3) adapts the jet-flap method for
airfoils, presented in Section 6.1.2.1, for use on finite-aspect-ratio wings. As such, it applies to the
same concepts and is subject to the same limitations that are listed in that section. The user is
referred to the discussions in Sections 6.1.1.1 and 6.1.2.1 for a complete understanding of this
method,

The jet-flap method assumes that the entire flap is immersed in a uniform-et-flow field. For
externally-blown-flap (EBF) systems on swept wings, where this assumption is obviously not valid,
the method contains a procedure for making an approximate estimate of the spanwise distribution
of the jet. However, this cannot be expected to yield better than a rough estimate of the true
pitching moment. This is due to the fact that the pitching moment cannot be accurately estimated
without a detailed knowledge of the spanwise extent of the wing influenced by the jet.

Unfortunately, the jet spreading problem is very difficult to treat, and to date little in the way of
analytical or empirical methods has been developed. Solution of the problem, which is simply to
determine the spanwise distribution of trailing-edge jet momentum, requires that the flow details of
the impingement, spreading, and turning process be known. Such a flow solution, which involves
the viscid/inviscid interaction of the jet impinging on the wing-flap system, is clearly beyond the
scope of the Datcom.

The wing pitching moment is calculated by applying correction factors for finite aspect ratio to
Spence’s adaptation of thin-airfoil theory to the two-dimensional jet-flap problem. The correction
factors adjust the center-of-lift location and the magnitude of the lift increment. The first is from
Reference 4 and is based on conventional flap data; the second is from Reference 38 and is based on
Maskell’s theoretical correction for three-dimensional effects. This method does not account for
sweep or taper effects, except insofar as they affect the geometric relationship between the center
of gravity and the wing. This should not be a serious restriction, since the jet-flap system is usually
applied to high-aspect-ratio wings with low to moderate sweepback. The maximum sweep angle and
taper ratio for which this method is valid have not been determined.

DATCOM METHODS
1. Trailing-Edge Mechanical Flaps

Method 1

This method assumes a constant flap-chord-to-wing-chord ratio. In the case of arbitrary spanwise
distribution of flap chord (constant-chord flaps on tapered wings or tapered flaps on untapered
wings), the flaps should be divided into spanwise steps. The pitching-moment contributions from
each spanwise step are then calculated and added together to obtain the total increment for the
flap.

At low angles of attack, the change in pitching-moment increment due to flap deflection based on
SwCyw taken about Cy/4 isgiven by

6.1.5.1-2
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A
= Aac, +KA(G)ACL tan A4 6.1.5.1-

where

AC, =K

(S)safe) omald) (el e

where

K is the flap-span factor as a function of taper ratio and flap location, obtained
from Figure 6.1.5.1-61 as illustrated in Sketch (a). Note: n is the span
control span ordinate
b/2

station, n =

| I,

—

b

2

SKETCH (a)
aAC, . . .
_ is the ratio of the pitching-moment increment to lift increment for a fullspan

ac, flap on a rectangular wing, obtained from Figure 6.1.5.1-60 as a function of
wing thickness and ﬂap—chord-to-extended-wing-chord ratio.

AC, is the lift increment due to flap deflection, obtained from the appropriate
equation (determined by the particular flap type) of Section 6.1.4.1 using the
following assumptions:

1. full-span flap
2. wing aspect ratio of 6

3. nosweep, Ay, = 0

(Note: the above assumptions are to be used for all calculations involved in
calculating AC; )
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Ac;’4

Method 2

is the ratio of the extended wing chord to the retracted wing chord (see

Figures 6.1.1.1-44 through -46 for a graphical illustration).

is the wing-body lift coefficient with the flap retracted. This value should be
obtained from test data if available, or from Sections 4,1.3.1* and 4.3.1.2.

is the wing-body pitching-moment coefficient with the flap retracted. This

value should be obtained from test data if available, or from Section 4.3.2.2
supplemented with a test-data value for (Cm 0)
WB

is the conversion factor for a partialspan flap on a sweptback wing obtained
from Figure 6.1.5.1-57 in a similar manner as Kp; i.e., see the illustration in
Sketch (a).

is the wing aspect ratio.

is the sweep of the wing quarter-chord.

This method requires the determination of the span loading due to flap deflection (Reference 5)
and the chordwise center-of-pressure location for stations across the span. Once these quantities are
determined, the incremental pitching moment can be calculated by an integration process. The
pitching-moment increment ACp, is obtained by using the procedure outlined in the following

steps:

Step 1.

Determine the spanwise loading coefficient G/& of full wing-chord flaps. The
spanwise loading coefficient G/& of full wing-chord flaps is obtained as a function

n ordinate
of span station, n = E%_, from Figures 6.1.5.1-62a through 6.1.5.1-62d

for appropriate values of fA/k, Ay, and A, where k = CQ&M/(zﬂ'/ﬁ) and
Ag = tan~1  (tan A /B).

It should be noted that Figures 6.1.5.1-62a through 6.1.5.1-62d present the
spanwise loading coefficients for full wing-chord flaps that extend from the plane of
symmetry out to span stations of n, = 0.195, =7, = 0.556, and n, = 1.0
(Figure 6.1.5.1-62a also includes n, = 0.831). The results for other flap spans are
obtained by interpolating the results of the particular flap spans presented in Figures
6.1.5.1-62a through 6.1.5.1-62d. The fina! step in the interpolation procedure is to
cross-plot the results of the variation of the loading parameter at given stations as a
function of flap span 7y for desired values of the parameters SA/k, A;, and A
(see Sketch (b)).

*The wingbody zero-lift angle of attack is obtained from the wing-alone data of Section 4.1.3.1. Test data from a similar
configuration should be used if available. Wing surface velocity is increased .by the presence of the fuselage; therefore, when the
fuselage is below the wing, the lift is reduced, and with the fuselage above the wing, the lift will be increased. This effect is genarally
small, uniess wing-mounted bodies, such as stores or nacelies, are close to the fuselage or ta each other.
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SKETCH (b)

The spanwise loading is then read from this cross plot at the desired values of n¢ {n; and Ng)-

Note that for cases whereFigure 6.1.5.1-62a applies, i.e., where BA/k = 0, the cross plot
represented by Sketch (b) is obtained directly, since no intermediate steps are required to
interpolate for A or A,G-

The following procedure is used to determine the spanwise loading of the actual flap:
4. For flaps that extend from the plane of symmetry outboard, tabulate the loading for

an inboard flap extending from the plane of symmetry to the outboard station of the
actual flap, as shown in Sketch (c).

G _\
5
FLAP
SPAN
Ui 'f)o
0 n 1.0
SKETCH (c)

b.  For partial-span flaps that extend from the wing tip inboard, the charts are used as
follows: Tabulate the loading G/§ for a full-span flap. Tabulate the loading G/§ for an
inboard flap extending from the plane of symmetry to the inboard station of thf: actual
flap. Subtract the loadings of the above tabulations at each span station to obtain the
loading of the actual flap (see Sketch (d)).
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SKETCH (d}

For partial-span flaps that have outboard ends inboard of the wing tfp and inboard ends
outboard of the plane of symmetry, the charts are used as follows: Tabulate the loading

. function G/& for flaps extending from the plane of symmetry to the outboard station

of the actual flap. Tabulate the loading function G/8§ for a flap extending from the
piane of symmetry to the inboard end of the actual flap. Subtract the loadings of the
above tabulations at each span station to obtain the loading of the actual flap (see
Sketch(e)).
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G
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SKETCH (e)



Step 2. Determine the incremental section lift coefficient as a function of span station 7

by*
_ 2bG
CQA = —?—gasa 6.1.5.1c
where
cg, s the incremental section lift coefficient due to flap deflection.

b s the total wing span.

¢ isthe local chord at the span station in question.

G . . ) _

3 is the loading coefficient of a full wing-chord flap at the span station in
question, obtained from Step 1.

o

is the two-dimensional lift-effectiveness parameter expressed as

(=),

o = — (Equation 6.1.1.1-b)

on

where

is the Ilift effectiveness of the flapped airfoil from the
appropriate method of Section 6.1.1.1.

Cgb.

Cg, Is the airfoil section lift-curve slope (including the effects of
compressibility) from Section 4.1.1.2.

For area-suction and blowing-type flaps the theoretical value of «, is
presented as a function of ¢ /c in the inset of Figure 6.1.4.1-14.

When experimental values of the section lift increment Ac, are available
for plain, split, or slotted flaps, the lift-effectiveness parameter should be
calculated using
(Acg )e
aﬁ S o — e
(CQa )a 8

Xperiment

6 is the streamwise flap deflection in radians. This value may be obtained
from

5 = tan~! (cos Ay tand ) 6.1.5.1d

*in the theory, sections of a yawed infinite wing are dealt with. See Reference 2 for details of the theoretical treatment of sweep and
taper.
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Step 3.

6.1.5.1-8

where

A is the sweep angle of the flap hinge line.

HL

is the flap deflection measured normal to the flap hinge
line.

61HL

The product (G/8)x, in Equation 6.1.5.1-c converts the spanwise loading
distribution of full wing-chord flaps, ¢;/c = 1.0, to the spanwise loading distribu-

~ tion of partial wing-chord flaps. For the case of arbitrary spanwise distribution of

flap chord (constant-chord flaps on tapered wings or tapered flaps on untapered
wings), the flap can be divided into spanwise steps and a new value for &, for cach
segment determined. The load distribution due to each spanwise step is then
determined by the product of G/& and the average value of «;, over that spanwise
step.

Determine the chordwise center-of-pressure location x_ . for stations across the
span.

For this calculation the wing span is divided into not more than three types of
regions. These regions are illustrated schematically in Sketch (f), and consist of:

a.  Span stations included in the flapped section.

b. Span stations adjacent to the flap ends where the distance from the ends of the
flap An is less than [0.20].

¢.  Span stations not influenced by the flap span, An = 10.20.

An < 10.2]

FLAPPED
l"-SECTION

\ / 10
An = 10.21

SKETCH (f)

The chordwise center-of-pressure location in each region is obtained as follows:
a. For the span stations included in the flapped section

Ac

X, = 0.25-—

Cep - o 6.1.5.1¢



where

Ac is the section incremental pitching moment obtained
from Section 6.1.2.1 by the appropriate trailing-edge
mechanical-flap method using ¢;/c and &', where 8’ is
the flap deflection in the plane normal to the
constant-percent chord line through x¢ . given by

61 5.1t

where A, is the sweepback of the constant-percent
chord line through the center o4 pressuie of the basic
loading, given by

4 1 —A
tan Ab = fan /\c‘,4 -- K(xf-P-b - 0.29) Y
6.1.5.1-g

where x¢p, is the chordwise center-of-pressure
position (basic loading) for a plain flap from
Figure 6.1.5.1-67b.

Cep = g is the incremental section lift coefficient as a function
of span station, referred to the basic load line, by

CQA

cos? A,

6.1.5.1-h

Cop =0

where c;, is obtained from Step 2.

For the span stations adjacent to the flap ends where the distance from the
ends of the flap An is less than (0.20],

Acm
Xepo = 025 -K ) 6.1.5.1-
2a = 0 ec(l_gepof
where
K is obtained from Figure 6.1.5.1-67a as a function of

distance from the end of the flap.
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Ac
m
( ) is the value determined in Step 3a at the span station
ed%e

Cen =0 corresponding to the edge of the flap.
[+}
flap

¢. For span stations not influenced by the flap span, i.e., An>10.20], the
theoretical chordwise center-of-pressure position is assumed to be the quarter-
chord point.

A typical variation of chordwise center-of-pressure location for stations across the
span is iltustrated in Sketch (g).

80
Eq. 6.1.5.1-i
, Eq.6.1.5.1-¢
/
| I \[/\
60 / \
j \
Xe.p. \
/ \\ Eq. 6.1.5.1-]
.40+ / {—
/ \
/ N
25 —_— —_ N
204
e— FLAP EXTENT —=
0 v T Y T Y ] Y T ¥
0 2 4 .6 8 1.0
n
SKETCH (

Step4. For wings with swept quarter-chord, the chordwise center-of-pressure position at
each span station must be referred to the quarter-chord of the MAC by

b c(x,, —0.25)
= - Ltan Ay + e
c

01 =

— 6.1.5.14
c
where

is the lateral distance of the wing MAC from the body center line in
semispans.

=3

X is the distance of the loca! center of pressure aft of the quarter-chord of
the MAC.

6.1.5.1-10



Step 5.

With the local centers of pressure and the span loading known, determine the change
in pitching moment due to flap deflection, based on Sy Cy taken ubout the
quarter-chord of the wing MAC, by integrating across the span as follows:

1.0 c
ac,, = f ICQA . (;)l dn 6.1.5.1%
0 Cay \C

where cg, is from Step 2, (x/T) is from Steps 3 and 4, and ¢fc,, is the ratio of the
local chord at a given span station to the average chord (¢, = Sw /bw ).

2. Leading-Edge Devices

This method assumes a constant flap-chord-to-wing-chord ratio. In the case of an arbitrary spanwise
distribution of leading-edge flap chord, the flaps should be divided into spanwise steps. The
pitching-moment contributions from each spanwise step are then calculated and added to obtain the

total increment for the leading-edge device.

The pitching-moment increment due to mechanical leading-edge devices, based on SWEW, is given

by
where
C r
MSLE
-
[+
c
xl1‘l
[

_ , ¢ Xn XL\ , | Sw
A = [%sw(:-:) H(F - a5

c, [(%)2 - 1] +0.75C, (%) (e'c_c) i an 6.1.5.10

is the theoretical two-dimensional, flan pitching-moment effectiveness about the
leading edge, obtained from Figure 6.1.2.1-36 as a function of the ratio of flap
chord to the extended airfoil chord cf/c'. {See Figures 6.1.1.1-51 for the definition
of flap chord c¢;.)

is the mean aerodynamic chord of the wing segment affected by the leading-edge
device (see Sketch (h)). The wing chord is the extended-wing chord due to an
extension of the leading-edge device. The trailing-edge flaps, if any, are considered
retracted.

is the wing mean aerodynamic chord (MAC).

is the retracted or basic-airfoil chord at the spanwise station of the MAC of the wing
segment affecred by the leading-edge device (see Sketch (h)).

is the moment-reference-center location in fractions of the wing MAC, measured
positive aft from the aircraft reference-axis origin (usually the aircraft nose or wing
apex) parallel to the longitudinal axis.
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An

is the location of the leading edge of the mean aerodynamic chord of the wing
segment affected by the leading-edge device, in fractions of the wing MAC. This
parameter is measured positive aft from the aircraft reference-axis origin (see

Sketch (h)).

is the two-dimensional leading-edge flap effectiveness parameter obtained from
Figure 6.1.1.1-50 as a function of the flap-chord ratio cflﬁ', instead of cf/c.

is the area of the wing segment affected by the leading-edge device {see Sketch (h)).

is the wing reference area.

is “he leading-edge-device deflection, measured parallel to the free stream in degrees
(see Figure 6.1.1.1-51).

is the wing-body pitching-moment coefficient at a given angle of attack, with the
leading- and trailing-edge flaps retracted. This parameter should be obtained from
test data, if available, or by using Section 4.3.2.2 supplemented with a test-data
value for (CmO)WB.

is the wing-body lift coefficient at a given angle of attack, with the leading-edge and
trailing-edge flaps retracted. This parameter should be obtained from test data, if
available, or from Sections 4.1.3.1%,4.1.3.2, and 43.1.2.

is the flap span in fractions of the wing semispan (see Sketch (h)).

ASSUMED REFERENCE-AXIS ORIGIN

SKETCH (h)

*The wing-body zero-lift engle of attack is obtained from the wing-alone dats i Neztion 4.1,3.1. Test data “roes 3 zitn'lar configule
tion should be used if available.
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3. Jet Flaps

The method presented herein pertains to the same concepts as noted in Section 6.1.1.1; i.e., the
pure jet-flap concept and the IBE and EBF concepts with a plain trailing-edge flap. For an IBF or
EBF concept with a single-slotted or multislotted flap configuration, this method should be used
only as a first approximation.

Because of the complexity of calculating the pitching moment due to a trailing-edge jet flap, the
method is presented in a stepwise procedure. This procedure assumes that the wing employs a
leading-edge device; however, it will also handle configurations without leading-edge devices. In
using the method, all flap-chord lengths and flap deflections are measured in a streamwise direction.

The computation of the pitching moment is broken down into components due to the leading-edge
device, the angle of attack, the mechanical flap, and the jet flap. This division can be somewhat
misleading because in each term there appears the parameter ¢, /¢, which is the ratio of the airfoil
chord with ali flaps extended to the basic airfoil chord. Thus each term is actually dependent upon
the total extended airfoil chord c¢;,. For example, a change in c;, duetoa deflection of the
leading-edge device will affect the contribution of each component, not just the component due to
the leading-edge device.

No substantiation of the method is presented herein because of the scarcity of data for which
enough information is available to make a meaningful comparison. The available data indicate an
average error of approximately +20 percent. For those configurations that have been analyzed by
using this method, the results indicate that this method is more accurate in estimating the
pitching-moment increment due to flap deflection than in estimating the variation of pitching

" moment with angle of attack. This may be accounted for by the tendency of wings developing very

high lift coefficients to have significant flow separation even at low angles of attack. The variation
in the amount of separated flow with angle of attack may be affecting Cr,, significantly.

The wing pitching-moment increment (omitting the zero-lift pitching moment at Gy = 0)duetoa
trailing-edge jet flap with or without a leading-edge device is obtained from the following procedure.
All of the area terms are assumed to be total values, not semispan values, i.e., to include both the
left- and right-wing contributions.

Step 1.  Divide the wing into spanwise sections that exhibit the same geometric and flow
characteristics, i.e., no geometric discontinuities.

a. The blown wing area will determine one or more spanwise sections. The blown
wing area is defined as the basic wing area that is affected by the jet flap,
excluding any increase in wing area due to Fowler motion of the leading-
and/or trailing-edge devices. For a pure jet-flap configuration with the efflux at
the trailing edge, S, is defined as the streamwise basic wing area ahead of the
jet flap. For EBF configurations, the jet spreading angle y must be considered
before S; can be determined. Therefore, it is suggested that the user
determine the spreading angle for his particular configuration from test data on
a similar configuration. However, if no such test data are available, the Datcom
recommends that a value of 12° be used for the spreading angle v. An
example for determining S; for an EBF configuration is presented in
Sketch (i). In this example the value of S; has been increased slightly so as to
include that portion of the wing ahead of the inboard tip of the flap. The
reason for this adjustment is explained in part (b).
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Step 2.

6.1.5.1-14
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SKETCH (i)

b. The basic criterion for dividing the wing is the avoidance of discontinuities. The
sections are determined such that the ratio of the extended wing chord
(including both leading- and trailing-edge devices) to the basic wing chord is
constant or approximately constant, and the ratio of the flap chord to the basic
wing chord is constant or approximately constant; i.e., C;;/c is constant and
¢ifc is constant. A schematic illustration for determining these spanwise
sections for an EBF configuration is presented in Sketch (i). In order to
minimize the number of spanwise sections, it is suggested that small changes are
assumed to be made to the actual configuration. In Sketch (i) some of the
assumptions made were: 1) the outboard wing slat station was assumed to be at
the wing tip, 2) the inboard tip of the slat was neglected, 3) the jet spreading
was assumed to extend to the inboard station of the flap, and 4)no
discontinuity was assumed in the slat due to the engine pylon.

The pitching-moment increment of each spanwise section is now calculated by
treating each wing section as a two-dimensional airfoil. The calculation of the
pitching-moment increments is performed by strictly applying the jet-flap method of
Section 6.1.2.1 (not the mechanical leading- or trailing-edge methods) to evaluate
each section individually. To prevent a duplication of effort, the material of
Section 6.1.2.1 is not repeated here. It is therefore advised that the reader become
familiar with the jet-flap method of Section 6.1.2.1 before proceeding further.
However, before the jet-flap method of Section 6.1.2.1 can be applied to the
three-dimensional wing sections, the following terms X, /¢, C,, K, X6/ Cgp » xj/ Css s

and o, {for o) must be redefined as follows:



X

" redefined as the ratio of the distance from the wing leading edge to the unique

¢ unswept reference line (which may lie on or aft of a conventiona! wing
configuration) to the local chord, such that xm/c has a constant value for
straight-tapered wings. (This reference location eliminates the need for
calculating the spanwise center-of-pressure location for each wing section.) For
non-straight-tapered wings there can be more than one value. Sketch (j)
presents an example of a non-straight-tapered wing where two values of x fc
are required. The determination of x_ /c is defined by

©  1-1

Xm 14X (A
T tan/\LE 6.1.5.1-m

where
A is the taper ratio of the particular spanwise wing section.

A, isthe aspect ratio of the particular spanwise Wing section.

A g Is the sweep of the leading-edge angle of the particular spanwise wing
section.

Reference lines defined
by Equation 6.1.5.1-m

SKETCH (j)

However, a problem arises in the case of untapered wings (A = 1),since x_ [c
i Equatio 6:1.5.1-m becomes indeterminate. Therefore, for an untapered
wing or wihig'section, Equation 6.1.5.1-m is modified to the following:

X Ax'

m

_— = — 6.1.5.1-n
c c
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where

Ax, is the distance between the wing apex and the desired moment
reference center, measured positive aft.

C is the basic wing chord.

is the section nondimensional trailing-edge jet momentum coefficient. For
those sections that are outside of the blown area, C“ = 0. For those sections
within the blown area, the following approximation is used to determine the
relationship between C“ and Cy:

w
C# = C;yn, —S—J 6.1.5.1-0
where
C, is the nondimensional trailing-edge jet momentum coefficient * ased

on the gross engine thrust and the wing reference area. (See
Section 6.1.4.1 for an exact definition.)

n, is the static turning efficiency defined as the resultant force divided
by the gross thrust(see Section 6.1.4.3, Sketch (a)).This value should
be obtained from test data if possible, or from Figure 6.1.4.3-11 for
slotted flaps. Although Figure 6.1.4.3-11 represenis a reasonable
average of the available data, the data scafter is large. Since this

method cannot be expected to yield good results if the error in 7, is
large, it is imperative that test data be used if available.

3 is the ratio of the wing reference area to the blown wing area.
|

redefined here to apply to each wing section individually, based on the
following expression

A +2 CL/‘rr Cso
K = — 61.5]"1)
A, +2+0.604 (C)!/? +0.876 C,
where
C

56

— is the ratio of the extended wing chord, including the extensions of

€  poth the leading- and trailing-edge devices, to the basic wing chord of
the particular spanwise wing section.



A s the aspect ratio of the total wing based on the extended wing
chord, ie.,A, = A(c/c,), using the particular section value for
clegs-

' is the section nondimensional trailing-edge jet momentum coelficient
based on the extended wing chiord ¢, i-€., CL =C, (c/egy)-

X X
-‘&, L e the center-of-lift location of the incremental load due to the deflection
Css 55 of the it flap segment and the center-of-lift location of the incremental
load due to the jet deflection, respectively. In this section these terms arc
applied to each spanwise wing section and are corrected for three-
dimensional effects by
Xg ( xf [(xc.p.)3D
—= -—) ——-—l 6.1.5.1q
Cos C5|5 ZDl(xc.p.)ZD i
X X, X
ol =(__1) l(_i)iv_l o L5
Css Css/ 2p l(x&p-)m j
where
Xg . . . . . .
(—) is the two-dimensional center-of-lift location of the incre-
“s/yp mental load due to deflection of the ith trailing-edge flap
segment. This parameter is obtained, as defined in Sec-
tion 6.1.2.1, from Figure 6.1.2.1-37 as a function of the
ratio of the flap chord to the extended airfoil chord
crfcy; and CL.
(xc.p.)3D
_——] is the ratio of the center-of-lift location for a finite-aspect-
(XepJap i ratio wing to the center-of-lift location for an infinite-
aspect-ratio wing for the incremental load due to
deflection of the ith trailing-edge flap segment. This
. parameter is obtained from Figure 6.1.5.1-68 as a function
of c/c,; and 1/A,.
%
(E— ) is the two-dimensional center-of-lift location of the incre-
88/ 2D mental load due to the jet momentum acting at some angle

to the trailing-edge camber line. This parameter is obtained
from Figure 6.1.2.1-37 at ¢ /c,,. = 0, as a function of the
trailing-edge jet momentum C, .
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is the ratio of the center-of-lift location for a finite-aspect-
ratio wing to the center-of-lift location for an infinite-
aspect-ratio wing for the incremental load due to the jet
momentum acting at some angle to the trailing-edge
camber line. This parameter is obtained from Fig-
ure 6,1.5.1-68 at c:f/c.s.s = 0, as a function of 1/A..

(xc.p.)zn

(xc.p.);;]) ]
i

oy is the local angle of attack for the particular spanwise wing
section under consideration. For wings with twist, this
value will change from section to section. It is suggested
that the change be approximated by using the average
twist incidence for each section.

Step 3. Compute the sum of the wing section pitching-moment increments from Step 2
according to the following:

p
Cop = 3, Ac, (Koy — Kpy_y) 6.1.5.1-s
k=1
where

k is the number of the wing section (numbered from the
fuselage center line outboard).

p . is the total number of wing sections.

Ac, . is the section pitching-moment increment for the particu-
lar spanwise section, obtained from the jet-flap procedure
of Section 6.1.2.1.

Kb Kby_1 are the values of the span factor for the outboard and

inboard ends, respectively, of the kth wing section. This
parameter is obtained from Figure 6.1.4.1-15 as a function
of basic-wing taper ratio A and the span stations o, and
My, of the streamwise cuts defining the kth wing section
nondimensionalized by the wing semispan {see Sketch (i)).

Step 4. Calculate the lift contribution to the pitching-moment increment for each wing
section according to

n
Cry = |Ac) — Ac, +Ac, + T (Acy). + Ac6] Koy — Koy_;) 6.1.5.1-t

i=1

where

Acl,Acz,Ac“,(Acs)i, are the terms analogous to lift generated during the execu-
and Ac, tion of the jet-flap procedure of Section 6.1.2.1.
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Koy Koy are defined in Step 3 above.

Step 5. The total wing pitching-moment increment due to a jet flap at some angie of attack
is calculated by using one of two equations presented below. For a tapered wing,
Equation 6.1.5.1-u is used; while for an untapered wing, Equation 6.1.5.1-v should

be used
Xm /CBB

. Both equations convert the pitching moments for each wing panel about
to the desired moment-reference-center location, based on Sy, &, .

&

AC. = Cy, + CAZ+p c——‘k C " 6.1.5.1
m ~ Cmm TSy >, “57-35“,“]5 .50
k=1

where

Az

is the vertical distance between the desired moment-reference-center
location and the quarter-chord of the MAC, positive for the wing below
the desired location. (This is an approximation because an exact solution
would require accounting for the vertical distance for each blown wing
section.)

Ax
k
—— is the longitudinal distance between the moment-reference-center location

C

and the location of the chord station for zero sweep. This parameter is
measured positive aft from the moment reference center as illustrated in
Sketch (k).

MOMENT REFERENCE CENTER

¥

R

p——— |

ul——

/

|
|
|
4
|
|
[
r

— e ——

Reference lines defined
by Equation 6.1.5.1-m .

SKETCH (¥
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For an untapered wing this distance can be found by using

Axk_"k“”k_x b tan A 6151
T 2 2 ¢ e
S, isthe area of the kth wing section with all flaps retracted.
All remaining terms have been defined in the previous steps.
Sample Problems
1. Single-Slotted Trailing-Edge Flap (Method 1)
Given: The sweptback wing-body configuration of Reference 32 with a single-slotted flap.
Wing Characteristics:
A= 5.1 b/2 = 74.75 in. A = 0383 Agyy = 44.6°
¢, = 42.36in. ¢, = 16.24in. Sy = 30.35 ft? ¢ = 31.22in.
t Ygo
NACA 64-210 1 0.286 ¢ . = 0.075 (streamwise) EN = 0671 %c
Yg9
-5— = 004 %c a=20 C,, = —0.034 (test data)

C, = 0.025 (test data)
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Flap Characteristics:

Cf [}
Single-slofted flap ~ = 0.286 (streamwise) £ =105
C
N, = 0.144 n, = 045 6y = 30.68° (streamwise)

Additional Characteristics:

M =014, 8 = 099 R, = 6x10°
Compute:
Yoo _ Yo
X 1 o = 2 2
an2 TE 9
_0671-004
9
cﬂa
= 0.873 (Figure 4.1.1.2-8a)
(Cna theory

(cg ) = 6.66 perrad (Figure 4 * ! 7 $h}
¢/ theoty

G, = l_gi[ ;_Q_cia_—-- ](C’Za )themy (Equation 4.1.1.2-2)
( “ ) theory

1.05
= —— (0.873)(6.66
0.99 (0.873)(6.66)

= 6,167 per rad

o, =-0.483 (Figure 6.1.1.1-41)
Ac, = —Co, O 8; (Equation 6.1.1.1-d)

30.68
= _(6.167) (~0.483) ——
) 573

= 1.595
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} Method 1 assumptions for calculating AC
Ac/l =0

=—/ — = = 0.9815
T8/ 8
Algq2 2 ]Uz 6
— + A = —— (0.99) = 6.05
K |67 + an? Ay 00815 077
CLa
T = (0.747 perrad (Figure 4.1.3.2-49)
C. = 6(0.747) = 4.48 per rad

((xﬁ) =-0.655 (Figure 6.1.4.1-14 insert)
Cp

i}

1.04 (Figure 6.1.4.1-14)

~
-
il

1.0 (assume full-span flaps for calculating ACy)

CLa (as) CL .
AC, = Al — K, (Equation6.1.4.1-a)

|5y

4.48 |
= (1.595)(m)(1.04)(1.0)

1.205

t

Ol(“a
~ 1=

AC,,
—— = -0.271 (Figure 6.1.5.1-60)
CL
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(Kp) = 0.27 (Figure 6.1.5.1-61)

(Kp)n=0.45 = 0.72 (Figure 6.1.5.1-61)

0.72 - 0.27 = 045

AC,, e

(52) sl v @) ) e -

(Equation 6.1.5.1-b)

1

AC, =K,

0.45{(—0.271) (1.205) (1.05)? — 0.25(0.025) (1.05) (0.05) — 0.034 l( 1.05)% — 1]}

1]

0.45{~0.36 — 0.0003 — 0.0035}

It

—0.164
(KA) oiaq 00365 (Figure 6.1.5.1-57a through -57d, interpolated)
=u.

(Ka) gqs = 00615 (Figure 6.1.5.1-57 through-57d, interpolated)
n=u.

I

K, (KA)% —(KA’)fli

0.0615 — 0.0365 = 0.025

It

Solution:
A .
aAC, = AC,, +K, (l—g) AC; tan Ay, (Equation 6.1.5.1-a)
5.1
= —0.164 +(0.025) (l—g) (1.205) (0.9874)
= —0.164 + 0.101]
= _0.063 (based on the product of wing area and wing mean aerodynamic chord and
referred to a moment center at &/4)
This compares with a test value of AC ¢ = —0.074 from Reference 3.
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2. Plain Trailing-Edge Flap (Method 2)

Civen: The sweptback wing of Reference 13 with a partial-span plain trailing-edge flap. This is the
same configuration as Sample Problem 1 of Paragraph A of Section 6.1.4.1.

Wing Characteristics:

A = 3.78 b/2 = 16.97 ft A = 0.586 Ayy = 41.35°

]|

c. = 11.315ft n = 0.456

T

= 9.09 ft ¢, = 8.98ft
NACA 65A006 airfoil (streamwise)

Flap Characteristics:
Plain trailing-edge flap Ay = 43° cefc = 0.224 (streamwise)

n = 0.10 n, = 0.58 61“L = 30° 5 = 22.1° (streamwise)

Additional Characteristics:
Low speed; § = 1.0 R, = 6.1 x 10°

Compute:
Step 1. Determine the épanwise loading coefficient G/§ (see Step lc of Datcom Method 2)

¢, = 6.13 perrad (Sample Problem 1, Paragraph A, Section 6.1.4.1)

4]

“ 6
K =— = —]— = 0.976
2T 2n
BA _(0.0)B.T78)  _ 34,
K 0.976
tan Agyq tan 47.35°
Aﬁ = tan'l(——gl—-) = tan'l ('-E*l-n—ré—""“) = 47.35°

Obtain the spanwise loading coefficient G/5 for a full wing-chord flap extending from the
plane of symmetry to the inboard station of the actual flap (ni = 0.10), and for a full wing-
chord flap extending from the plane of symmetry to the outboard end of the actual flap

(ng = 0.58). Since the span loadings for these particular flap spans are not presented in
Figures6.1.5.1-62a through 6.1.5.1-62d, the interpolation procedure described in Step 1

of Datcom Method 2 must be applied. The cross-plotted results of the variation of the
loading parameter at given span stations as a function of flap span for the desired values

of BA/K, Ag, and A are presented in Sketch(hj,

The spanwise loading coefficients for a full wing-chord flap that extends from the plane of
symmetry to the inboard station n; = 0.100 and for a full wing-chord flap that extends

from the plane of symmetry to the outboard station n, = 0.58 are read from Sketch(h)
at n; and 7. These spanwise loading coefficients are presented in Sketch ( i)
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A = oi.sss, AB = 47.35°, BA/k = 3.87
¢— ACTUAL FLAP SPAN é ;—-:——;/
AN A
L d e /
A7
/] ,// / /// // /L
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n] nf 770
VARIATION OF LOADING COEFFICIENT WITH FLAP SPAN
" SKETCH (h)
3 ' 1 [ | A = 0.586
e~ ACTUAL FLAP SPAN4—» :
Ag = 47.35°
4 = — BA —_—
\ L= 387
K
N\
G 3 \
02 _\
——— %
.1 [~
L
0 :
0 2 4 6 8 i.o

n

VARIATION OF SPANWISE LOADING COEFFICIENT
SKETCH (i)
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Step 2.

Determine the incremental section lift coefficient as a function of span station 7.

2b G

CEA =

I

ACE

o5

(cga) s 8

ACQ

INCREMENTAL SECTION LIFT COEFFICIENT

) 22.1
(6.13) ==

. — -E-aaﬁ (Equation6.l.5.l-c)

- Ez_g_&;g {Equation6.1.1.1-b)
fafs

0.927

57.3

®

= -0.392

®

0,927 (Sample Problem 1, Paragraph A, Section 6.1.4.1)

@

¢ CQeA
(%)ﬂ, - ose (%)’A s oro % 5 Local Chord -2bl G

n . - @ -G {rad) ) EQ.6.1.5.0-¢
0 0.404 0,180 0.224 0151 11,315 0.203
n, 0.404 0.163 0.241 10.847 0.228
0.404 0.103 0.301 10,379 0.297
3 0.405 0.057 0.348 9.91% 0.360
A 0,386 0,045 0.341 9.443 0.370
5 0.344 0,038 0.308 8.976 0.352
n, 0.265 0.031 0.234 8.600 0.279
6 0.260 0.030 0.220 8,507 0.266
7 0,180 0.026 0.156 8.039 0,198
8 0.129 0.021 0.108 7.57 0,146
9 0,088 0,016 0.072 7.102 0,104

1.0 0 o 0 6.636 0
Step 3. Determine the chordwise center-of-pressure location Xc.p. for stations across the span,

6.1.5.1-26

Xcpp

4 1-A
tanAp = tan Ac/4 - X (xc_p_b - 0.2S>(m) (Equation6.1.5.1-8)

= 0,665 (Figure6.!.5.1-67b)




4 0414
= 1. - —— (0.665-0.25)| —— = Q.
1.0836 3.78 ( )(1.586) 0.9710

Ap = tan”! (0.9710)= 44.15°
cos A, = 0.7175

cos? A, = 0.5148

5 = tan’! ( tan 8 ) (Equation 6.1.5.1-)
cos Ay
= tan’! (M) = tan’l (0.5660) = 29.5°
cos 44.15°
Acmf = 0.205 (Figure6.1.2.1-35b at &' and ¢f/c)
CHORDWISE CENTER-OF-PRESSURE LOCATION
FLAPPED SECTION ADJACENT TO FLAP ENDS, A1<|p20l
® @ @ @ &)
Ac"‘f Ja¥y
Flapped | ) edge @ An< loz20l x
@)‘m‘m2 A b =0.205 Section K of 0,25-@@ c.p.
T | ea.6.051n 0.26- @ Fig. 6.1.5.1-67a flap Eq. 6.1.6.1-i Summary
0 - - - 0.33 —0.463 0.403 0.403
n, 0.443 —0.463 0.713 - - - 0713
2 0577 -0.355 0.605 - — g 0.605
3 0.699 -0.203 0.543 - - -- 0.543
A 0.719 -0.285 0.535 - - - 0.535
5 0.684 ~0.300 0.550 - - - 0.550
1, 0.542 -0.378 0.628 - 7 S - 0.628
-- - - 0.956 -0.378 0.611 0.611
7 - - - 0.210 -0.378 0.329 0.329
8 - - - - - - 0.250
9 - - - - ——— - 0.250
1.0 - - - -— _— - 0.250

The calculated variation of chordwise center-of-pressure location for stations across the span  is
plotted in Sketch (j)
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P
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Xe.p.
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N
N
5 FLAP o ~
0
0 2 4 : .6 8 1.0
n
VARIATION OF CHORDWISE CENTER-OF-PRESSURE LOCATION
SKETCH (j)
Solution:
1.0
¢ X .
ACpy,. = [ ' [c,zA (—-——)(:) dn (Equation 6.1.5.1-k)
0 cav C
X _ b/2 c(xc_p. - 0.25)
=z = (-7 —— tan Agyt ————— (Equation 6.1.5.1-j)
@© ® @ @
£ c
6| ® ot f 060
p. 2
M~ | = = bf2 _ -[ ' An
i 5e8 | ooe | (M- T Ay, [ '25] @+@ Eq. 6.1.5.1-K
0 1.260 1.245 —0.924 0.190 -0.734 0.00939
7 n, 1.208 1.193 —-0.721 0,552 —0.169 0.00465
2 1.156 1.142 -0.619 0.405 —-0.114 0.00381
3 1.104 1.090 —0.316 0.319 0.003 —0,00012
4 1.051 1.039 —-0.1-13 0.296 0.183 —0.00712
5 0.999 0.987 0.089 0.296 0.385 —0.01354
N, 0958 | 0946 0.251 0.358 0.608 -
& 0.947 0936 0,202 0.328 0.630 —0.01581
7 0.895 0.884 0.494 0.070 0.564 —0.00999
2 0.843 0.833 0.697 0 0.697 -0.006858
k- 0.79 0.781 0.899 0 0,899 —0.00740
1.0 0.739 0.730 1.102 0 1.102 0
Ac me ” zZ- —0.0473
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This compares with a test value of ACy; = —0.040 from Reference 13.

3. Krueger Leading-Edge Flap

Given: The sweptback wing-body configuration of Reference 35 with a leading-edge Krueger flap.

SECTION A-A

Wing Characteristics:

A =51 b/2 = 74.75 in. A =038 Ay, = 45350 Ap = 47.72°
c, = 42.36in. ¢, = 16.24in. Sy = 30.35 ft? € =3L22in.
y; = 31.81in. a=2°

Flap Characteristics:

Krueger leading-edge flap o = 3.05in. B{LF = 33.39
Constant flap chord

n, = 0.50 n, = 0.975
- Additional Characteristics:
M = 0.14; § = 099 R, = 6x 108 C, = 0.17
X, = 42.79in. (aft of wing apex) cC =-

- 0.040 (flaps retracted)

'5' is defined according 1o Figure 8.1.1.1-51, not as defined in Reference 35,
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Compute:

Determine ¢

‘g 3.05
Cfp = = = 4,53 in,
cosA ,  0.6727

¢ =c —n{c -c,) (seeSection 2.2.2)

Atn, ¢ = 4236 — (0.50) (42.36 — 16.24) = 29.30in.
¢ = c+¢ = 29.30+4.53 = 33.83in.

Atn,c = 42.36 — (0.975) (42.36 — 16.24) = 16.89 in.

' 16.89 + 4.53 = 21.42in.

o]
]

) (Section 2.2.2)

ol
H
1

2, (1”&*7&2
(D, L+,

1+ 0.633 + 0.6332 )

2
33383 ( 1+0.633

28.09 in.

Determine cm;LE and co; (assuming constant flap-to-chord ratio)

‘g 4
e _ 333 Gl
¢ 28.09

Cm;LE = —0.00127 per deg {(Figure 6.1.2.1-36)
gy = —0.00320 per deg (Figure 6.1.1.1-50)

Determine X g

1+ 2%
T+,

'

¥z ) +{n,)(b/2) (Section 2.2.2)

1
- 2
3 (An)(b/2) (

1+ 2(0.633))

+0.5(74.75
1+0.633 )

1
3 (0.975 — 0.50)(74.75) (

16.42+ 37.375 = 53.80in.
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XLg Y tan ALE ~ C¢

53.80(1.0998) — 4.53

54.64 in.

Determine Sw

SWf [(c')ﬂi + (C’)ﬂo ] (A‘Q)(blz)

(33.83 + 21.42)(0.975 — 0.50)(74.75)

1961.72in.2 = 13.62 ft2
Determine éf (streamwise)

8, = tan”! (tan 8¢y, p COS A, g) (Equation 6.1.5.1-d)

Il

an~! ((0.6569)0.6727)]

23.84° (streamwise)

Determine ¢ '

Atng,c =c, — E/c'z (c,—c,) (Section2.2.2)

53.80
42.36 — ———{42.36 — 16. = 23.56 in.
7475 (42.36 — 16.24) 23.56in

~ Solution:

AC T A Y ]S—wia
m = | “msLE c) T © )M, f

Et 2 cl -ér
C., [(—-\ - 1] +0.75C (-E) (:: - 1)\ An (Equation 6.1.5.1-£)

+
c

~

28. 09) + (42 .79 54.64

0.00320 ———'238
31.22 31.22 3122)( 3 )] ( )

[( 000127)( 30.35

28.09 28. 09) (23 .09 ) [ )
— + Q.7 7 -1 975 — 0.
,( 0040)[(2356) 1] 075 (01 )(2356 23.56 (0.975 = 0.50)

{(~0.00114 +0.00121)(10.70) + (—0.0169 + 0.0293)(0.475)

0.00075 + 0.00589

0.00664

[}

This compares with a test value of AC =~ = 0.003 from Reference 35.
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4. Trailing-Edge Jet Flap

Given: The wing with the EBF system shown below.

I
0 7 E E i |
0 Lo f : N, | LA 7,

INTERSECTION OF
WING CHORD LINE \‘/é
AND FLAP CHORD LINE
LEADING FDGE

OF FORWARD FLAP
INTERSECTION OF FORWARD
FLAP CHORD LINE AND
AFT-FLAP CHORD LINE

LEADING EDGE OF AFT FLAP

SECTION A-A

SECTION B-B

-]

SECTION C-C
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A=170 A = 0.3714 b = 5.9360 ft A, = 259
¢, = 14.84in, ¢ = 10.8886 in. Sy = 5.03371t?
Xeg. = 10.72 in. aft of wing apex Azc_g_ = —-1.922 in. (below MAC quarter-chord’
a, =0 C, = 3.0 7, = 0.81
(from static force-test data)
— 0
Sigie = 57-5
8, = 40° bg, = 20°
3 -
TWIST
RELATIVE |
TO WING
REFERENCE
PLANE | _
@
(deg)
0 T T ; T ]
0 20 40 60 80 \ 100
. J PERCENT SEMI-SPAN, n
Wing section, k 1 2 3 4
Span station of outboard streamwise cut, M 0.1443 0.5076 0.7515 1.0
Span station of inboard streamwise cut, M1 0 0.1443 0.5076 0.7515
Leading-edge device None Drooped Slat Slat
leading edge
St e 0 20° 25° 25°
Trailing-edge device None Double-siot Double-slot None
Fowler flap ~ Fowter flap
c,LEIc 0 0.1376 0.1404 0.1404
c'LEIc 1.0 1.019 1.100 1.100
cllc 0 0.3505 0.3505 0
czlc [+] 0.3080 0.3080 0
csalc 1.0 1.351 1432 1.100




Compute:

Step 1. Divide the wing into four sections as indicated in the drawing. The wing-tip is
squared off and the slats extended to avoid definition of additional small wing
sections. It was assumed that blowing affects the entire trailing-edge flap.*

Find §; = 8, + 5, (the area ahead of the flap)

¢, = Ac, = (0.3714)(14.84) = 5.512 in.

C=¢- nk(cr - Ct)

Atn,,c = 14.84 — 0.1443(14.84 — 5.51) = 13.49in.
Atn,,c = 14.84 — 0.5076(14.84 — 5.51) = 10.10in.
Atn,,c = 14.84 - 0.7515(14.84 ~ 5.51) = 7.83 in,

1(13.49+10.10

S, = EQ—T-——)(O.som — 0.1443)(5.9360) = 2.120 ft?
1(10.10+7.83

S, = ET———)-(OJSIS — 0.5076)(5.9360) = 1.082 fi?

S; = 2.120+1.082 = 3.202 ft?

Because of the lengthiness of the calculations for various parameters in Steps 2 through 5, the
calculations for only wing section 2 will be presented in detail. However, the calculated components
for each wing section are listed in summary tables with the detailed calculations for wing section 2.

*For purposes of illustration only, an sdditional division, (B) in the sketch, is shown. It is made at the intersection of the jet and the
extended flap trailing edge, by assuming that the jet spreading is 12 degrees. If the wing had been equipped with a fult-span trailing-
edge flap, division A would have been used as gy instead of My = 0.7515,
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Step2. Ac (Section 6.1.2.1. Note, however, that several terms have been redefined in

xm Xfi xj
Section 6.1.5.1; e.g., C#. K, — 0 ,—, and — )
c Ces Css

Find (Acm ), fLE (Wing Section 2)

gp = 20°
(given)
CiLE
22 - 01376
¢
€, = Cy — Cfpp (Equation 6.1.2.1-g)

— ——— —

Ca i CiLg [ Css

C C c

0.1376
1.351

il

L[l

0.8981

SW
C, =Cn S_ (Equation 6.1.5.1-0)
]

5.0337

.0
= (3.0X0.
(3.0%0.81) 3.202

= 3.820

P
]

C, — (defined in Section 6.1.2.1 Step 12)
Css

3.820/1.351

2.828

Cog, = 11.6 perrad (Figure 6.1.1.1-49)

co, = 11.8perrad (Figure 6.1.1.1-49)

c 7.0
A = A— = —— = 5.181
t ¢,  1.351
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c

+2C /n c
K = [ At 26, ] 2 (Bquation 6.1.5.1-p)
A +2+ 0.6(1’4(C:,)1"2 +0.876 C,

_ [ 5.181 + 2(2.828)/n ] (1.351)

5.181 + 2+ 0.604(2.828)!/2 + 0.876(2.828)

_ 6.981(1.351)
10.674

0.8836

6fLE .
Ac, = 5—,;-3-1( Cog (Equation 6.1.2.1-¢)

20
73 (0.8836)(11.6)

3.5776

Ac, = LE K

Cy = 57—3 ¢, (Equation 6.1.2.1-f)
20
57.3

(0.8836X11.8)

3.6393

40 1\1-2
tan Ay = tan Ay - 3 (_ I) T (Sestion2.2.2)

= 0.4663-1(— .!.)L:M
7 4/ 13714

0.5318
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Xm _ 1+2A As .
— = ITX) —Z tan ALE {(Equation 6.1.5.1-m)

= ( L3742 )'7‘(05318
1-0.3714/ 47 )
= 2.0304
xa
—- = 0.245 (Figure 6.1.2.1-37)
Css
xa.c.
= 0.215 (Figure 6.1.2.1-37
)
xm C'LE xa caa B
X =—+|——-1]) —— — (Equation 6.1.2.1-h)
c c Css C

2.0304 + (1.019 — 1) — 0.245 (1.351)

fl

1.718

X C X C
x, = — + (E_ 1) -2 2 (Equation 6.1.2.1-i)
Cc C C&S C

= 2.0304 + (1.019 — 1) — 0.215(1.351)

= 1.759

HE ion 6.1.2.15
C“ e sin 8¢, (Equation 6.1.2. )

Acpy

3.820(0.1376X0.3420)

0.1798

(Acm)‘fLE = Ac, x, — Ac, x, + Acy; (Equation 6.1.2.1-d)

(3.5776)(1.718) — (3.6393)X(1.759) + 0.1798

—0.0754 (for Wing Section 2)

1
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(Acm), fLE Summary

6.1.5.1-38

Wing Section 1 2 3 4
8¢, ¢ lgiven) ] 20° 25° 25°
e

{given) 0 0.1376 0.1404 0.1404

<

ca
—— (From Eq. 6.1.2.1-9) 0.8981 0.9020 0.8724
55
C,, (Eq. 6.1.5.1-0} 0 3.820 3.820 0
c, 0 2.828 2.668 0
cgy_ {per rad) 1.6 11.4 6.1

a {Fig. 6.1.1.1-49}

¢, lper rad) 1.8 116 6.3

% {Fig. 6.1.1.1-48}
A 7.0 5.181 4.888 6.364

t
K (Eg. 6.1.5.1-p} 0.7778 0.8836 0.9237 0.8370
ac, (Eq. 6.1.2.1-e} 35776 4,504 2228
Ac, (Eq.6.1.2.7-f) 3.6293 4,675 2.301
xm
— {Eq. 6.1.5.1-m} 2.0304 2.0304 2,0304

[ ]

x!
— (Fig. 6.1.2.1-37 0.245 0.246 0.274
Y
xI.(':.
— {Fig. 6.1.2.1-37 0.215 0.216 0.249
1]
x, (Eq. 6.1.2.1-h) 1.718 1.778 1.829
x, (Eq. 8.1.2.14) 1.758 1.82t 1.8565
Acm, (Eq. 61.2.1) 0.1798 0.2267 0
{Acmlsf (Eq. 6.1.2.1-d} 0 ~-0.0764 -0.1183 —0.1968

LE {no LE
davice)




Find (Acm)a

ap = oy +0
=0+90
Wing Section 1 2 3 4
a = & (from given plot} 2N 2.30 1.19 —-042
*K 0.7778 0.8836 0.9237 0.8370
"o, {per rad) 6.3 1.8 11.6 6.3
oy
Ac4 = K o, {Eq. 6.1.2.1-2) 0.2489 0.4185 0.2225 —0.038656
'C# 4] 3.820 3.820 ]
*x
m

— 2.0304 2.0304 2.0304

c
cl
— (given) 1.0 1.019 1.100 1.100

c

[“m ‘(LE ) a
Ac a—-C |—H—-1 — 0 ~0.3142 —-0,1680 ]
™ TE e \e 57.3
(Eq. 8.1.2.1-m}

"xz 1.781 1.759 1.821 1.8565
(Acmlﬂ = Ac‘ x,t Acm4 0.4433 0.4219 0.2362 —0.0717

{Eq. 6.1.2.1-k}

*From preceding (Acm) 5y calcutsions.
L.E '

6.1.5.1-39



6.1.5.1-40

Find (Acp), c (Wing Section 2)

2
Forward flap
bg, = 40°
ey = ¢ t¢y (Sketch (g) Section 6.1.2.1)

l
]

e ¢t cz/ Css
Ces c ¢

(0.3505 + 0.3080)/1.351

]

0.4874

I

C

" 2.828 (previous (Acp), fLE calculations)

Cgafl = 10.6 perrad (Figure 6.1.1.1-49)

K = 0.8836 (see previous table for (Acy) c,)

5(1
(Acg); = 5—7-.31(61“1 (Equation 6.1.2.1-0)
40
= —— (0.8836X10.6
57,3( X10.6)
= 6.538
¢
(—3-) = 0.402 (Figure 6.1.2.1-37)
€/ 2p

A = 5.181 (previous (Acy), fLE calculations)

1 1
— = —— = 0.1930
A, 5.181



(xc.p.)3D

] = 1.085 (Figure 6.1.5.1-68)
(xC.p.)ZD 1

Xf Xf (xc.p.}3
1 ( _l.) 2 ] (Equation 6.1.5.1-q)
Cas s/ op L (ZKepdyp

(0.402)(1.085)

0.436

L
Xm (CLE ) Xf) Cps

(xs)y = — +{— -1} — =~ —  (Equation 6.1.2.1-q)
c c Css €
= 2.0304 +(1.019 — 1) — 0.436(1.351)
= 1.460
Aft flap
n-1
8ty = Bjr— 2, 8y (Equation 6.1.2.1-p)
i=1
= 57.5-40
= 17.5¢
¢, = ¢, (Sketch (g) Section 6.1.2.1)
Gtz 3 [ Cs
Css ¢ c
= 0.3080/1.351
= 0.2280
CL = 2.828 (previous (Acy); fLE calculations)

Cgsrz = 9.5perrad (Figure 6.1.1.1-49)

K = 0.8836 (see previous table for (Acy),)
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¢

2 .
(Acs), = '5?—'3ch”2 (Equation 6.1.2.1-0)
17.5
= — (0.8836X9.5
57'3( X9.5)
= 2.564
sz
— = 0.518 (Figure 6.1.2.1-37)
c55 2D
A, = 5.18]1 (previous (Acy), calculations)
fLE
1 )|
— = — = 0.1930
A 5.181

t .

(Xc.p.) '
“P3D | - 1.140 (Figure 6.1.5.1-68)
(xc.p.)zn :

Xf, Xfy (xc.p.)
2 _..,) [—-—3'—]—)- (Equation 6.1.5.1-q)
2D 2

Css Css (Xepdap
= (0.518)(1.140)
= 0.5905

X CLE X6y Css
(x5), = —;:'2 + (——- - 1) s (Equation 6.1.2.1q,

Css

2.0304 + (1.019 — 1) — 0.5905(1.351)

1

1.252

n
(Acm)y, = 2, (Acs)(xs); (Equation 6.1.2.1-n)

i=1

(6.538)(1.460) + (2.564)(1.252)

12.7556 (for Wing Section 2)
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(Ac:m)!sf Summary

Wing Section 2 3 4
'C’“ 2.828 2.668
*K 0.8836 0.9237"
'1IA‘ 0,1930 0.2046
Forward Flap
2, {per rad) 106 10.4
! (Fig. 6.1.1.1-49)
{acg}, {Eq.6.1.2.1-0) €.538 6.706
x'l
—) {Fig. 6.1.2.1-37} 0.402 0.400
\C58 20
(xC.D.':;D
{Fig. 6.1.5.1-68) 1.085 1.090
{xc_p,lz.n :
xfl
— (Eq. 6.1.5.1-q) 0.436 0.436
58
{xsll {Eq. 6.1.2.1q) 1.460 1.5060
. Aft Flap
CQB' {per rad) 9.5 9.25
2 (Fig. 6.1.1.149)
(Acslz (Eq. 6.1.2.1-0) 2.564 2.609
sz
( —-) (Fig. 6.1.2.1-37} 0.518 0.515
CL8 20
{xep.)3p
N " {Fig. 6.1.5.1-68) 1.140 1.147
X
P20 15

*From preceding (Acm’sf calcuiations
LE

+
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Wing Section 1 2 3 4

1'2

—(Eq. 6.1.5.%-g} Q.E905 0.5907
c
(1]

{xs}, (Eq. 6.1.21-q} ‘ 1.262 1.2845

n
{acy,), = {Acg).(xs) 0 12.7556 13.45086 0
™y E U tho TE tno TE
flaps) flaps)
(Equation 6.1.2.1-n)

Find (Acm),

n
Biere <2, B,

i=1
For 57.5 < 40 + 20, then 6j =0

5.

Ac 3771‘5 K Cgsi (Equation 6.1.2.1-5)

0 (all wing sections)
(Ac,.,)sj = Acg X, (Equation 6.1.2.11)
=0

Ac, = (Acm)“fLE +(Acy), + (Ac'm)af + (Acm)ﬁj (Equation 6.1.2.1-¢)

Wing Section 1 2 3 4
lAcmlstE {Eg. 6.1,2.1d} 0 —0.0754 -0,1183 -0,1968
(Acm)a (Eq. 6.1.2;1-k| 0.4433 o419 0.2363 —0.0717
IAcmlsf {Eq. 6.1.21-n} (1] 12.7566 13,4506 0
acmls, (Eq. 6.1.2.%1 0 0 o 0
ac (Eq 6.1.2.1-c) 04433 13.10 1367 —(.2686
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Step3. Cup

Wing Section, k 1 2 3 4
L 0.1443 0.5076 0.7515 1.0
M1 0 0.1443 0.5076 Q7515
Ko, {Fig. 6.1.4.1-15) 0.206 0.650 0.880 1.0
Kby {Fig. 6.1.4.1-15) 0 0.205 0.650 0.880
Koy, — Koy 0.208 0.445 0.230 0.120
ac (from preceding Step 2} 0.4433 13.10 13.57 —Q.2673

P
Coy = 3 Ac,, (Ko — Kp,_,) (Equation 6.1.5.1-5)
k=1

= (0.4433)(0.205)+(13.10)(0.445)+(13.57)(0.230)+(—0.2673X0.120)

= 9.009

n
Step4. Gy, = [Ac; — Ac, +Ac, +Z (Acs), + Acg ) (Kpy, — Kpy_;) (Equation 6.1.5.1-t)

i=1
Wing Section, k 1 2 3 4
*ac, 0 35776 4.594 2.228
*ac, 0 16393 4.675 2.301
*ac, 0.2489 0.4185 0.2225. | —0.03865
n
* 3 lacy), 0 6538+ | 6.706+ 0
=1 2564 2.609
'Acs 0 0 0 0
** 1Ky, — Koy 0.205 0.445 0.230 2120
Ca, (Eq. 6.1.5.1-1) aos10 | 4.212 2175 | —0.01340

*From preceding Step 2

**From preceding Step 3
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Step 5.  AC_

Az -1.922
—_ = —-0.1765
< 10.8886
8% _ Im (E\uﬁ;&
C C 'c" [
- 50304 ( 14.84 10.72
C - 10.8886/  10.8886
= 1,783
Wing Section, k 1 2 3 4
Chk {preceding Step 4} 0.0510 4,212 2175 —0.0134
C“ {preceding Step 2} 0 3.820 3.820 0
%
——{preceding Step 2) 0.04014 | 0.0M77
57.3
sk .
— {pracading Stap 1) 04212 0,2150
SW
® S
C, —— — .0 0.0846 0.0171 0
57.3 Sw ’
P | Ax
Az Qp Sk k )
AC_ = Cy +1C, T + Z [C“ 57—3 S_v./ — G| = (Equation6.1.5.1-u)
k=1

= 9.009+(0.81)3.0X~0.1765)

+{(0-0.0510)+(0.0646—4.212)+0.0171~2.175)+[0—(~0.01340)]} (1.783)

= 9.009-0.4289- 11.310

= —2.729 (based on Sy Ty )
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B. TRANSONIC

The following method for the estimation of Cp, at transonic speeds is based on a procedure similar
to that of Reference 6 and is developed empirically from test data of References 7 through 10. The
only readily available test data for pitching-moment effectiveness at transonic speeds are those of
References 7 through 10. Therefore, the method has not been substantiated independently of these
test data.

DATCOM METHOD

A first-order approximation to the pitching-moment effectiveness at transonic speeds is given by

C =‘CL

X
—_ 6.1.5.1-w
mg c

where

CL6 is the lift effectiveness of the control surfaces from the method of Paragraph B of Section
6.1.4.L

is the distance, in percent of MAC, of the chordwise center-of-pressure location aft of the

X
< wing moment reference point.

— 6.1.5.-x
c €

. :
1+ 20 ('5)M=o.6 +<xc.p.)cc.p. XMRP

(C | ) is the roll effectiveness of the control surface at M = 0.6, based on
8/M=0.6 the total wing span with one control deflected. This parameter is
one-half the value of Cf 5 obtained by the method of Paragraph A of

Section 6.2.1.1.

(CL ) is the lift effectiveness of the!control surfaces at M = 0.6 from Para-
6/M =06 graph A of Section 6.1.4.1.

XMRP is the distance, in percent of MAC, from the leading edge of the MAC
— to the moment reference point, positive for the moment reference
< point aft of the leading edge of the MAC.

Xc.p. is the empirically derived chordwise center-of-pressure location of the

= incremental load due to surface deflection, determined by
c.p.

Xc.p. Xe.p. f
= +]((c— -0.2) 6.1.5.1-y
c . c

c.p. Cc.p.
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where ("c.p.lcc.p.) ) and K are empirically derived factors pre-

sented as functions of Mach number and A /4 in Figures6.1.5.1-69a
and 6.1.5.1-69; respectively. The ﬂap-choré: ratio cf/c is measured
in the streamwise direction.

[
_c:._g; is the wing chord at the spanwise center-of-pressure location, in per-
c cent of MAC given by
Cf )
‘ep. _ St ( 8/M = 0.6
< [

1-4(1-2) c 6.1.5.12
( Laj
M=0.6

where (C ! 5)M o and (CL 5)M ok are defined above.

The planform parameters of the empirical data used to derive Figures6.1.5.1-69a and 6.1.5.1-69b are:
A =40, X = 06,t/c= 0.06, 0 = Agjq = 60°, and a 0.30c plain sealed flap.

Sample Problem

Given: The configuration of Reference 8 with a partial-span plain trailing-edge flap.

Wing Characteristics:
A=40 b/2 = 4.243 in, A = 0.60 Agg = 35° Apg= 3733°
o . _ T P b _
NACA 65A00§ airfoil (streamwise) XMRP = cfc = 1183 = 3.918
Flap Characteristics:
Plain trailing-edge flap cefe = 0.30 Agp = 30.440
7= 0.57 1, =10 5 = 169 (streamwise)

Additional Characteristics:

M= 090 (C[ ) = 0.0014 per deg (test value for semispan model, based on Sy
%M =0.6 and by)

(C ’8) 0.00135 per deg (test value for semispan model, based on Sy, and by)
M=09

(CL ) 0.0105 per deg (test value for full-span model, based on Sw)
'\ oM =06
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Compute:

Chordwise center-of-pressure location

Cep? Cr (CIG)M =0.6
— == |1-4(1-N - (Equation 6.1.5.1-z }
) (CLS)
M=10.6
0.0014
= 1,183 |1-4(0.4) 0.0103

0.931

1

X
L 0.880 (Figure 6.1.5.1-692)
Ce.p./y

K = -0.690 (Figure 6.1.5.1-69b)

Xe.p. Xc.p. Cf
C.p =( CP) +K(-—- -0.2) (Equation 6.1.5.1-¥)
Ce.p. Ce.p./y ¢
= (0.880) + (-0.690) {0.30 - 0.20)
= 0.811
x b 1+ 2\ (C!5)M-06 Xe.p.\ Cc.p. XMRP
— =-—tanA -2 =) == - tion 6.1.5.1-
c c AN ALE 6(1 +X) CL) (cc ) < T (Bquation 3-4-x)
8/M=0.6 P

il

2.20 2 (0.0014

- +(0.81 .931)-0.25
9.60 0.0105)] ( D @931

(-3.918) (0.7626) [

0.112+0.755-0.25

[}

0.617

Lift effectiveness at M = 0.9 (Section 6.1.4.1)

C.ia

5 (CLB)M =0.6 m

CL (Equation 6.1.4.1-¢}

0.00
0.0105( 0 ]35)

0.0014

0.0101 per deg
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Solution:
Cmg= - cL6 X (Equation 6.1.5.1-w)
<

= -~ 0,00623 per deg
The test value at M = 0.90 from Reference 8 is —0.0065 per degree.

C. SUPERSONIC

The procedure for .estimating trailing-edge control effectiveness at supersonic speeds is based on the
{)ne;-thod presented in Reference 11. The restrictions used in the derivation of the method are listed
elow.

1. leading and trailing edges of the control surface are swept ahead of the Mach lines from the
deflected controls.
2. Control root and tip chords are paralle] to the plane of symmetry.

3. Controls are located either at the wing tip or far enough inboard so that the outermost Mach
lines from the deflected controls do not cross the wing tip.

4. Innermost Mach lines from the deflected controls do not cross the wing root chord.
5.  Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips.

6. Controls are not influenced by the tip conical flow from the opposite wing panel or by the
interaction of the wing-root Mach cone with the wing tip.

DATCOM METHOD

The pitching-moment effectiveness C 5 at supersonic speeds for symmetric, straight-sided controls,

based on total wing area and ¢, is given by

C
1 be rg 1 b Sf ¢ St
I i N RS R P SRR S S W R B
‘my =Ki13T5, m 2275, T 5y la “

where

AR 2
Kl = 1--6'1-¢TE (l+lf+)\f)

Cy
K2 = (l -61— ME) tan AHL

C,
(2 ore

=
w
I
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C .
where (l "C_?- ¢’TE> is a thickness correction factor to the supersonic flat-plate derivative.
1

2
C, = per radian
! M2-1

(y+ M- 4M2-1)

Cy = per radian
2 (M2-1)2
STE is the trailing-edge angle in radians, measured-normal to the control hinge line.
v ~ is the ratio of specific heats, ¥ = 1.4
b¢ is the control span {both sides of wing).
5¢ is the control area (both sides of wing).
Af is the taper ratio of the control.

AHL is the sweep of the contro! hinge line.

Cr ¢ is the root chord of the control.
Xf is the distance of the leading edge of the control root chord behind the wing axis of pitch.
C’m 5 is the pitching-moment effectiveness of one symmetric, straight-sided control, based on twice

its moment area about the hinge line, from Figures6.1.5.1-70 through 6.1.5.1-73b, according
to the control planform as follows:

(a) Tapered controls with outboard edge coincident with wing tip, use Figure
6.1.5.1-70.

(b) Tapered controls with outboard edge not coincident with wing tip, use
Figure6.1.5.1-73a.

(¢) Untapered controls with outboard edge coincident with wing tip, use Figure
6.1.5.1-73b.

(d) Untapered controls with outboard edge not coincident with wing tip, use
Figure6.1.5.1-73a.

C'L 5 is the lift effectiveness of one symmetric, straight-sided control, based on the area of the con-
trol, obtained from Paragraph C of Section 6.1.4.1,

C'! 5 is the rolling-moment effectiveness of one symmetric, straight-sided control about its root
chord line, based on the area and span of one control, obtained from Paragraph C of
Section 6.2.1.1.

It should be noted that control deflection angles are measured streamwise.
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For swept-forward wings and controls with inverse taper, see Reference 11 for the proper values of
Cmg» CL g and Cy,. :

Thickness correction factors for other than symmetrical, straight-sided controls can be determined
from Reference 11.

The computation of pitching-moment effectiveness for leading-edge controls and trailing-edge
controls with subsonic leading edges can be accomplished with the aid of Reference 12.

Not enough test data are available to allow substantiation of the method.
Sample Problem
Given: A wing-control configuration with the following characteristics:
Wing Characteristics:
Sw = 46.5sqft c = 4.0ft b=120ft Apg= 42°
Atg= 21.7°
Control Characteristics:

Symmetric, straight-sided inboard flap

S¢ = 4.71 sq ft (both sides of wing) by= 6.5 ft (both sides of wing)
A¢ = 0715 cl.f = 0.85 1t xg= 1.768 ft ¢$TE = 39
AHL= 30.80

Additional Characteristics:

M= 190; 8§ = 1.62

Compute:
2
C = —=m—= = 1.235
: M2.1
c _(yt HMI-aM2-1) _ Q9 (1.90)4-4[(1.90)2- 1] _ 2084 _ 153
2 - 2 - ] - =
2M2-1) 5 [(1_90)2 ] 1] 2 13.62
C
2 2
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tan ATE

153 53
l 235

|

B
tan AHL

B
BCimg

Cl
- mg

ﬁc'La
CL 5
ﬁcﬁa
C'i 5

Solution:

mg

"

2 0320 6494
1.62
0.5961

= == 0368

-0.0360 per deg (Figure6.1.5.1-73a)
-0.0222 per deg

0.0750 per deg (Figure6.1.4.1-25)

0.0463 per deg

57 3)] [”0715+(0 715)2]- (0.935) (2.226) = 2.08

( ¢TE) (tanApy) = (0.935)(0.5961) = 0.557

0.0340 per deg (Figure 6.2.1.1-28, interpolated)

0.0210 per deg
1 bg g 1 b S
13 T35 Cin mp -Ky = >z
¢ Sw T Sw

% 5t ion6.1.5.1
Cl -K3 W CLB (Equation 6,1,5.1-aa)

= (2.08)—~ (6 5)(0 85) (-0.0222) - (0. 557)-— (22)(4 71)(0 0210)

46.5

1.7
-(0. 935)( 6 i—— (0.0463)

= (-0.000457) - .(0.000963) -(0.00194)
= -0.00336 per deg

46.5
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TABLE 6.1.5.1-A

EFFECTY OF FLAP DEFLECTION ON PITCHING MOMENT

DATA SUMMARY AND SUBSTANTIATION
METHOD 1 SUBSONIC

Ref. A A (’;:; e Flan o g (“Cm)a, (“Cm)s, 4 (“Cm)af
calc, test calc.-test
13 378 | 0586 | 47.35 | 006 Plain 30 —0.065 —0.04 —0,025
{ } * a5 —0.087 —0.05 —0.037
14 35 0.3 45 0.10 | Double Sotted 50 -0.370 -0.280 ~0.090
”g‘;‘;b' 6.8 0.3 35 0.15 | Double Siotted 45 ~0.351 —0.418 0.067
15 20 0 563 | 005 Plain 59 -0.258 —0.185 ~0.073
16 2,31 0 524 | 003 Pisin 30 —0.146 —0.196 0.050
17 30 | 0143 | 369 | 010 Split 60 —0.228 —0.184 —0.044
18 45 0.25 45 0.14 Split 60 —0.091 -0.103 0012
3.0 J ~0.150 0123 ~0.027
19 2.0 033 | 3687 | 005 | Single Siotted 40 -0.329 ~0.263 -0.066
Y 0.20 45 ¥ ,|, ~0.330 -0.260 —~0.070
20 2.31 0 524 | 003 Plain 54 —0.254 —0.165 -0089
Split 80 —0.164 -0.164 0.010
Single Stotted | 59.76 | —0.252 0172 ~0.080
Double Siotted 64 0547 —0.413 -0.134
21 2.31 0 524 | 003 | SingleSlotted | 403 —0.249 -0.33 0.087
21 2.31 0 524 | 003 | DoubleSlotted | 61.3 —0.440 0,622 0.182
22 35 0.5 449 | 0074 Plain 52.2 -0.092 0072 -0020
} ! { } -0.329 —0.183 —0.146
23 25 | 0625 | 527 | 0086 Plain 50 -0.031 —0.089 0.058
{ { ,} ¥ { -0.221 ~0.151 ~0.070
24 8.0 0.45 45 0.12 Split 50 -0.068 —0.008 -0.060
2% 40 0 369 | 005 | Single Siotred 40 -0.244 —0.153 -0.091
26 9.86 05 0 0.7 Plain a0 —0.080 —0.170 0.090
27 40 05 40 0.08 Plain 4.2 ~0.063 —0.060 —0003
28 288 | 0626 |5024 | 008 Split 48.1 -0.033 ~0.021 —0012
~0.072 —0.082 0.010
—0.048 —0.021 -0.027
. ¥ 0121 —0.080 —0.041
29 5.1 0383 |4535 | 0.075 Split 50.8 -0028 —0.020 ~0.008
6.0 0.313 } —0.029 -0.027 -0.012
5.1 0.383 Double Slotred | 36,6 -0.114 -0.050 —0.084
60 | 0313 ' Jr { -0.078 —0.087 0.009
30 284 | 0616 | 499 |o.0853 Split 3 —0.103 —0.135 0.032
,l, } | J, { ‘1 —0.029 —0.033 0.004
31 100 04 40 0.10 Split 2385 | -0023 +0.010 —0.033
¥ { } 53 +0.027 +0.039 ~0.012
0 5.1 0383 | 446 |[0075 | Single Siotted 30.7 -0.063 —0.074 0.011
33 2.31 0 524 | 003 |DoublesStowed | 403 ~0.303 -0.328 0025
34 20 0 563 | 0.05 Split 445 -0.229 —0.174 -0055
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6.1.5.2 WING DERIVATIVE Cmu WITH HIGH-LIFT AND CONTROL DEVICES

Mechanical Flaps

According to lifting-line or lifting-surface theory, camber, such as that due to flaps, does not affect
the variation of pitching moment with angle of attack over the region where there is no flow
separation. The theory is substantiated by experiment over the linear angle-of-attack and
flap-deflection ranges (References 1 and 2).

Theoretically, the pitchingmoment-curve slope of both wings and airfoils is affected by leading-
and/or trailing-edge flaps that extend beyond the basic airfoil chord. However, the changes in Cp,,
for airfoils (as predicted by linear theoryy cannot be substantiated with test data (see
Section 6.1.2.2). In addition, the effect of extended flaps on Cp, for a wing of finite aspect ratio
is not treated in detail in any of the literature surveyed for Datcom. Therefore, no method is
presented to account for the effects of extended flapson Cp, .

Jet Flaps

The aerodynamic-center location for a wing with a jet flap is dependent upon the trailing-edge jet
momentum coefficient C, and upon the extent to which leading- and trailing-edge flaps extend
beyond the basic wing.

Considerations of clarity and simplicity of presentation dictated a deviation from normal Datcom
practice in that the effect of jet flaps on Cm, was included in Section 6.1.5.1, which deals with
the pitching-moment increment AC .

DATCOM METHOD
1. Mechanical Flaps

The variation of wing pitching moment with angle of attack for various flap deflections is assumed
to be the same as that for zero flap deflection over the linear-lift range (see Section 6.1.3,
particularly Figure 6.1.3-2).

2. Jet Flaps

‘The variation of pitching moment with angle of attack for wings equipped with jet flaps is covered
in the jet-flap method of Section 6.1.5.1. The range of applicability and the limitations of the
method are discussed there and in Sections 6.1.1.1 and 6.1.2.1.

REFERENCES
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6.1.6 HINGE MOMENTS OF HIGH-LIFT AND CONTROL DEVICES

This section presents approximate methods for determining hinge-moment derivatives at subsonic
and supersonic speeds. At subsonic speeds the method, based on lifting-line theory, is believed to be
of sufficient accuracy to be used for preliminary-design work. This method is best snited for
higher-aspect-ratio wings.

The methods presented for supersonic speeds have one stringent restriction: the Jeading edges of the
wing planform must be swept ahead of the Mach lines. The methods are based on conical-flow
solutions. Since hinge-moment variation with Mach number at transonic speeds becomes somewhat
erratic, no method is presented for calculating transonic hinge moments. However, some trends in
the tramsonic range can be noted from References 1 through 4. As the critical Mach number is
passed, a shock forms on the upper surface of the airfoil and moves rearward with increasing Mach
number. The airfoil pressure distribution changes from one that is approximately triangular, with a
peak negative pressure forward, to one more nearly rectangular, with lower pressures at the trailing
edge. In general, this causes hinge moments to become more negative. Sketch (a) presents some
typical hinge-moment-derivative variations with Mach number.

It should be noted that in the more normal or stable case, where Ch and Ch are negative at
R &

o
subsonic speeds, hinge-moment derivatives decrease in a somewhat regular fashion through the
transonic range and then increase slightly to their supersonic value. Most of the very erratic

variations of C, and C, occur when these values are near zero or positive at subsonic speeds. It
o &

can also be seen that in the transonic region some hinge-moment derivatives can change sign.
041 04 1

02 02+
s OK\ ——— “ha
==

-.04 y | L L ¥ | ‘.04 . L] X L T v -
6 8 y 10 1.2 6 8y 10 1.2
SKETCH (a)
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6.1.6.1 HINGE-MOMENT DERIVATIVE C, OF HIGH-LIFT AND CONTROL DEVICES

A. SUBSONIC

The hinge-moment derivative due to angle of attack can be approximated from the method of
Reference 1. The method is based on lifting-line theory, with additional lifting-surface corrections
to account for sweep.

The method is based on equations in terms of section parameters; therefore, the accuracy of the
method is dependent upon the accuracy with which the section characteristics can be estimated.
Test data on the particular airfoil-flap combination under consideration or one closely resembling it
should always be preferred to characteristics obtained from generalized methods. Calculated values
and test data for several different configurations are presented in Table 6.1.6.1-A to illustrate the
accuracy of the method and summarize available test data.

The method is directly applicable to control surfaces having constant chord ratios and constant
airfoil contours across the span. For configurations with variable chord ratios or variable airfoil
contours across the span, it is suggested that average values of the section characteristics be used.
Furthermore, the accuracy of the method in predicting the effects of finite-wing parameters
decreases as the wing aspect ratio decreases. Application of the method to wings with aspect ratios
of three or less should be avoided.

Experimental data have shown that for sweptback wings the shape of the ends of the control
surface can have a critical effect on the hinge-moment parameters. The Datcom method is
applicable to controls with the control-surface ends cut parallel to the plane of symmetry. For
configurations with wing cutouts, or with control surfaces that do not have ends parallel to the

plane of symmetry, it is suggested that empirical procedures be used to estimate C,
[+ 4

The effect of subcritical Mach-number corrections on hinge moments appears to be small for
control surfaces having trailing-edge angles less than approximately 12°. Therefore the Datcom
method, which neglects subcritical Mach-number effects, may be applied over a large portion of the
subcritical Mach-number range.

DATCOM METHOD

The hinge-moment derivative due to angle of attack of a sealed, plain trajling-edge control at
subsonic speeds, based on the product of the control-surface area and the control-surface chord
S.c, (area and chord aft of the hinge line), is approximated by

ACOSACM

e —— 6.1.6.1-
Choz A+2COSACI4 (Cha) *AC 6.1-a

h
balance @

where
(ch ) is the section hinge-moment derivative due to angle of attack. Test data on the
*/ palance

particular flapped airfoil are preferred, but the derivative can be approxir'nated
by the method of Paragraph A of Section 6.1.3.1. (This term could be ¢ h, or

¢, from Section 6.1.3.1.)
@ 6.1.6.1-1



AC,  is an approximate lifting-surface correction which accounts for induced-camber eifects.
AC
ha
¢, B, K, cosA_

@

It is obtained by muitiplying the quantity from Figure

14’
6.1.6.1-19a, by its denominator

where

¢, is the airfoil section lift-curve slope obtained by using the method of Section

*4.1.1.2.

B, accounts for the effect of control-surface and balance chord ratios. This
parameter is obtained from Figure 6.1.6.1-19¢c.The primed values of the
control-surface and balance chord ratios, used in reading Figure 6.1.6.1-19c,
refer to measurements normal to the wing quarter-chord line.

K, accounts for the effect of control-surface span. This parameter is defined by

K,), (=m)— &), (1-n)

K, = 6.1.6.1-b
Mo — T
where
n, is the inboard span station of the control,
_ inboard span ordinate
i b/2

K, )11 is obtained from Figure 6.1.6.1-19b as a function of the inboard
spanwise location (n,) of the control panel.

n, is the outboard span station of the control,
_ outboard span ordinate
o b/2
(K.) is obtained from Figure 6.1.6.1-19b as a function of the

¥ o outboard spanwise location (n, ) of the control panel.

Sample Problem
Given: The flapped wing configuration of Reference 8
Wing Characteristics:

A =343 A = 0.44 A,

‘ E ‘
t/c = 0.086 (streamwise) tan —2- = (0,0697 (streamwise)

6.1.6.1-2



e - . NACA 65-012 airfoil {normal
tan =3 = 0.0523 (streamwise) to .50¢ of unswept wing)

Flap Characteristics:

LY

Plain trailing-edge flap Sealed gap Ay = 41°
¢ /e = 0.167 (streamwise) cy/c’ = 0.20 (normal to .25¢)
¢,/ = 0.090 (streamwise) c:,')/c:'f = 0.115 (normal to .25¢)

tc/(2c,)= 0.0%0 (streamwise) Round-nosed control
7, = 0.586 n, = 0.99
Additional Characteristics:

Low speed Re = 2.2x10°

Compute:

Section hinge-moment derivative Cha (Section 6.1.3.1)

-0.384 per rad (Figure 6.1.3,1-11b)

It

C
( ha) theory

C
£
- X = 0.855 Figure 4.1.1.2 -8a)
( QO!) theory
c'
h
Y = 0600 (Figure 6.1.3.1-11a)
( "a theory
c'
h
= — ¢, (Equation 6,1.3.1-a)
o ('.'.‘:h ) o | theory
O} theory

{0.600) (-0.384) = -0.230per rad

(c,Z ) = 6715 perrad  (Figure 4.1.1.2-8b)
o theory

G 2 t \2
Balance ratio = (*-—-) - (—L) = (0 (Equation 6.1.3.1-d)
Cp 2c;
fcy = 1.0 (Figure 6.1.3.1-12a)

C C
( "a) balance = Mot
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Cg ¢n
t
¢ = c;l +2 (CE ) 1 — tan =.2 (Equation 6.1.3.1-b)
x o Q/ theory (Cga) theory 2 [
= 0.230+2(6.715) [1-0.855] (0.0523- 0.086)
= -0.296 per rad = -0.00516 per deg
(Cha,)balance = cga [(cha) batance /c;:a] (Equation 6.1.3.1-c)

==0.00516 per deg

Induced camber effect ACha

C [ 4 d.2-
E ( 2 ) ¢ {Equa on . a)

* 6 (Cga) theory

I}

(I]—%S') (0.855) (6.715)

6.03 per rad

[}

0.105 per deg

B, =0.885 (Figure 6.1.6.1-19¢)

(K,) =218
K (Figure 6.1.6.1-19b)
(K,) =420
o 170
Ky)y (1 =1) = (K,), (1-n,) _
K = (Equation 6.1.6.1-b)
* Ty =0

_ (2.18) (1 — 0.586) — (4.20) (] - 0.99)
0.99 — 0.586

=2.13
C B2 K, cos Ac/4 =(0.105)(0.885)(2.13)0.66) = 0.1306 per deg

AC,

o

Cy B2 Ka COSACM

[+ 4

=0.0125 (Figure 6.1.6.1-19a)

AC, =(0.0125)0.1306) = 0.00163 per deg

6.1.6.14



Solution:

AcosACM
- + AC Equation 6.1.6.1-a
Cha A+ 2cos Ac,M (cha)balance h, (Equa )

_(3.43) (0.6600)
7 (3.43) +(2) (0.6600)

(—0.00516) + 0.00163

= —0.00083 per deg
This compares with a test value of —0.0014 per degree from Reference 8.
B. TRANSONIC

No method is available for the prediction of the hinge-moment derivative C, at transonic speeds.
o

Because of the mixed-flow conditions and interrelated shock-wave and boundary-layer-separation
effects encountered at transonic speeds, the prediction of C, by theoretical means is extremely
a

difficult. Experimental results for C, at transonic speeds are presented in References 2 through 5.
[}

C. SUPERSONIC

The supersonic three-dimensional hinge moment due to angle of attack can be computed for
trailing-edge control surfaces by the method presented in Reference 6. The method is based on
linearized theory and applies to tapered and untapered trailing-edge control surfaces, with the
following restrictions:

1. Control root and tip chords are parallel to the plane of symmetry.
2. Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips.

3. Controls are not influenced by the tip conical flow from the opposite wing panel or by
the interaction of the wing-root Mach cone with the wing tip.

Calculated values and test data for several different configurations are presented in Table 6.1.6.1-B
to illustrate the accuracy of the method and summarize available test data.

For leading-edge control surfaces or for trailing-edge control surfaces with subsonic leading edges,
reverse-flow techniques (see Reference 7) can be used.

DATCOM METHOD

The” method consists of determining the pressure-area-moment for an infinitely thin flat-plate
control by assuming two-dimensional loading and then subtracting the losses in loading resulting
from the interference of the wing-root and wing-tip conical flows.

Combinations of wing-root and wing-tip conical-flow cases for a typical wing-planform-control
configuration are illustrated by the relative positions of the Mach lines in Sketch (a).
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CASES

1 ) CASE

2 ‘
73 N\
% -

6

Y.
rd

ROOT MACH CONE TIP MACH CONE

SKETCH (a)

For a given Mach number and wing-control combination (which determines the wing-root and
wing-tip conical-flow case), the conical-flow losses are obtained by dividing the conical regions into
a series of triangular segments, cach having its origin at the apex of the Mach cone, and summing the
loss in pressure-area-moment P'SLx for those segments. The procedure to be followed in summing
P'SLx for the triangular segments is illustrated for the most general wing-root and wing-tip
conical-flow case (Case 1) in Figure 6.1.6.1-21. Table 6.1.6.1-C is a general computing form for
summing a pressure-area-moment parameter representing a loss in loading from the two-dimensional
loading of the triangular segments of the conical-flow region defined by Case 1.

Figure 6.1.6.1-21 and Table 6.1.6.1-C can be adapted to compute the pressure-area-moment
parameter for wing-root and wing-tip conical-flow Cases 2 through 5 by determining the proper
regions that will be affected by the Mach cones. For wing-root and wing-tip conical-flow Case 6,
there is no loss in loading from the two-dimensional loading value.

The hinge-moment derivative C,  at supersonic speeds for a symmetric, straight-sided control,
o

based on the product of the control-surface area and the control-surface chord S_c_ (area and chord
aft of hinge line), is given by

C

2
(Ch ) = (1 - ¢TE) (Ch ) - 6.1.6.1-
*f tic 1 ®ftic=0

where

C
2 . . . . .
(1 - C——¢T E) is a thickness correction factor to the supersonic flat-plate derivative.
1

per radian




(DM a1

G 2 2
2(M*-1)

per radian

b1 is the trailing-edge angle in radians, measured normal to the control hinge line.

¥ is the ratio of specific heats, ¥ = 1.4.

For a symmetrical biconvex airfoil the thickness correction factor in Equation 6.1.6.1-c is

t r
26 (‘c‘)

s 2
I- xh Xh
3C, A+ eos (A -Ag) 12 [1+2\=) | « |1\
C

ty is the maximum airfoil-thickness ratio, measured in a plane normal to the control
- hinge axis.

! is the chordwise location of the control hinge axis, measured in a plane normal to
=] the control hinge axis.

k = tan (A -AHL) tan (/\LE "ATF.)

Thickness correction factors for other airfoil sections can be determined fromReference 6.
(Ch ) is the supersonic flat-plate hinge-moment derivative.
«@ tic = 0 :
The procedure for calculating (Ch ) is outlined in the following steps:
« tfe =0
Step 1. Construct the wing-root and wing-tip Mach lines on a layout of the wing-control con-

figuration, and determine the wing-root and wing-tip conical-flow case by referring
to Sketch (a).

If the wing-root and wing-tip conical-flow case isCase 6, there is no loss of loading
from the two-dimensional value. For this case calculate 8 and g as presented in

Step 2, then
(Ch ) = 2 (per degree) 6.1.6.1-d
©ftre =0 57.38 m
Step 2. Compute the following geometric and Mach-number parameters (see Sketch (b)):
B =v M2.1]
tan A,
g = _T—

6.1.6.1-7



Step 3.

6.1.6.1-8

tan AHL

tan ATE

K Bl -d)

|
A YT

Kg= B(y)?

sl

SKETCH (b)
_ 1
10 7 g(1+d)
_ 1
I g(l+a)

Determine the regions (triangular segments numbered through onFigure 6.1.6.1-21)

that are affected by the wing-root and wing-tip conical-flow case determined in Step 1.

The regions affected for each case are:

Conical-Flow Case | Wing-Root and Wing-Tip Conical
(Sketch (a)) Flow Regions Affected
1 1,2,3,4,5,6,7,8
2 1,3,4,5,7,8
3 3,5,7,8
4 1,3,4,7
5 3,7
6 None




Step 4. Calculate the pressure-area-moment parameter representing a loss in loading from‘the two-
dimensional loading value for each of the wing-root and wing-tip conical-flow regions affected
by using the computing procedure presented inTable 6.1.6.1-C.

Step 5. Sum the values of the pressure-area-moment parameter calculated in Step 4 for the affected
regions and obtain (C"a) by

t/ie =0
2 P’ (3x\/1+;32 a2) 28,
C = ———— {l-
(h“)tlc=0 5738V 1-¢ 2Mai3\/1+ﬁ2a2l

(per deg) 6.1.6.1-¢

where

c, Y - (c )3
2M, [3 Vi1 + g a2l = b, (_f‘_)_—fi-— 6.1.6.1-f

C, -C
fl_ ft

for tapered controls, and
M, [3 V1462 =3y, (¢r) 6.1.6.1-g
I

for untapered controls.

SYMBOLS AND DEFINITIONS USED IN COMPUTATION OF (Ch )
a tfle=0

nr' nondimensioml coordinates used in integration of wing-root and wing-tip conical pressures.
Equatnol}s are given in column of Table 6.1.6.1-C for calculating n and r'. Valuesof n
are required to enter the design charts for P’ and t for conical-flowRegions 3, 4, 5, and 6.

Ya‘lzu? of ' are required to enter the design charts for P’ and t,.p. for conical-flowRegions
,2,7,and 8. -

P the loss of loading of the average value of the local pressure ratio (Cp /Cp } over the conical-
(1]

flow region. This parameter is obtained from Figure 6.1.6.1-22 for conical-flow regions inter-
secting the wing-root Mach cone and from Figure 6.1.6.1-34 for conical-flow regions inter-
secting the wing-tip Mach cone.

C o is the pressure coefficient (Ap/q) for a three-dimensional wing.

Cp is the two-dimensional pressure coefficient.
0

t. p. nondimensional parameter used in calculating the moment-arm parameter 3x vi+p2al
t o is obtained fromFigure 6.1.6.1-22 for conical-flow regions intersecting the wing-root
Mach cone and from Figure 6.1.6.1-34 for conical-flow regions intersecting the wing-tip
Mach cone,

6.1.6.1-9



X

The sample problem below illustrates use of the method for obtaining (C"a)

6.1.6.1-10

distance of the center of loading of a conical-flow region from the control hinge axis
measured normal to the hinge axis (see Sketch {¢) ). Equations are given inColumn of

Table 6.1.6.1-C for calculating the moment-arm parameter 3xv 1 + 82 a? for the appropriate
conical-flow region; hence, explicit values of x are not required.

/

CENTER OF

PRESSURE OF &
CONICAL-FLOW Q\\»\\A
REGION C /

—
SKETCH (c)
Tep. angle of a ray in the conical-flow field which passes through the center of
pressure.
T angle denoting an arbitrary position of the ray in the conical-flow field.

area of a loaded region. Equations are given inColumn @ of Table 6.1.6.1-C for determining
28, .
L

area moment of a control surface about its hinge axis.

(o) ™

M, 3

2
cos Ag; (A f+1'\r+ 1)
where A, is the control-surface taper ratio.

angle of sweep of the line intersecting conical-flow regions of the wing at angle of attack. In
reading values of P' and t. , fromFigures 6.1.6.1-22athrough 6.1.6.1-22j, and from
Figures 6.1.6.1 -34athrough 6.1.6.1-34d, = Ay for conical-flowRegions 5 and 6, and

n = /\.I.E for conical-flowRegions 3 and 4.

tfle =0



Sample Problem

Given: A wing-control configuration with the following characteristics:

0

A= 6.19 A = 0.55 b/2 = 6.0ft A = 419

ATE — 27570 AHL = 30850 Ct = 275 ft CI = 5.0ft

0.606 ft ¢

¢ = 0850ft
t

I

X

= 2.20 ft x = 4.0 ft ¢

b

525t

(= 3251t y,= 20ft Yo
Additional Characteristics:
M= 1.80; § = 1.4967
Compute;

Step 1.  Determine the wing-root and wing-tip conical-flow case.

p = 33.75°

From Sketch (a) (Page 6.1.6.1-6):

Root case: 3
Tip case: 3

Step 2. Compute the required geometric and Mach-number parameters.

tanAjx 0.8972

= - = 0.5995
g ) 1.4967
_Bnfa 05973 oo
T 1.4967
4= tanAre _ 05221 o oaeo
8 1.4967

6.1.6.1-11



K, =By, = (1.4967)(5.25) = 7.8577 ft
K, =By, = (1.4967)(2.0) = 2.9934 ft
b
K, = 6(—2- - yi) = (1.4967) (6.0 - 2.0) = 5.9868 ft
b
K, = B(-z—- yo) = (1.4967) (6.0 - 5.25) = 1.1225 ft

K, = 3(y°)2 = (1.4967) (5.25) = 41.2528 sq ft

1.0260

1 I
Ke = B(1-d)  (1.4967) (1 - 0.3488)

1.1119

i 1
K, = B(1-a)  (1.4967)(1-0.399])

K, = ﬁ(yi)2 = (1.4967) (2.0 = 5.9868 sq ft

-]

b 2
K, =8 (? - yi) = (1.4967)(6.0- 2.0)2 = 23.9472 sq ft
Kig = ! = : = (.4954
0 81 +d) (1.4967) (1 + 0.3488) ’
! 1 = 0.4775

Kin = 21+ = (14967 (1 70.3991)

b 2
K, = ,6(3 - yo) = (1.4967) (6.0- 5.25) = 0.8419 sq ft

Step 3. Determine the wing-root and wing-tip conical-flow regions affected.

From the chart of Step 3 of the Datcom method the affected wing-root and wing-tip conical-flow
regions are: 3,5, 7, and X.

Step 4.  Using the computing form, presented as Table 6.1.6.1-C, calculate the pressure-area-moment
parameter representing a loss in loading from the two-dimensionai loading value of the
affected conical-flowRegions.
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i ! . t 3x 1+ 5% ] P (3x V1+8%? )25

Conical- norr P &.p- L L

Flow See Colum SeeTable See Table Segcolumn@ SeeColumnl @

Region Table 6.1.6.1-C 6.1.6.1C 6.1.6.1-C Table 6.16.1-C | Table 6.1.6.1C {cu ft}

‘g 3 0.6101 0.268 0.736 -2.4978 15.649 -+0.085

(& ]

z 5 0.5503 0.245 - 4,00 9.7901 9.5943

<

f 7 1.0191 0.300 0.645 5.1073 6.1011 9.3480

o

Q 8 0.7354 0.277 0.695 -5.7756 4.4027 . 7.0435

w 3 0.4495 0.280 0.662 -0.9512 1.6840 0.4485

Z .

‘,':’ 5 0.2862 0.224 - 2.20 0.8614 0.3259

[&]

g 7 1101 0.314 0.609 2.0177 0.9270 0.6873

o

= 8 0.5608 0.236 0.751 27147 0.4721 - 0.3025
EP’(sx V1+82%2 )ml_ -3 (eF 1.9760

Solution:

M, [3 J1+p2a ]= b,

(C“a

il

)t,"c =0

= 3.25

"7 (0.850) - (0.606)

P (3x i+ Fa) 25,

-2

E)” - 6o

(0.850)® - (0.606)

e ————————— 1-

5738 J1-¢g2

= 522 cuft

M, [3 \/TTF?]

11,9760

-2 1 -
(57.3) (1.4967) ( J -(0.5995)5)‘

= 0.0181 per deg
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Dods, J. B., Jr.: Wind-Tunnel Investigation of Horizontal Tails. 1l — Unswept and a5° Swept-Back Plan Forms of Aspect Ratio
45 NACA RM ABB11, 1948, {U)

Harper, J. J.: Wind-Tunnel Investigation of Effects of Various Aerodynamic Balance Shapes and Sweepback on Contro! Surface
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Dunning, R. W., and Ulman, E. F.: Aerodynamic Characteristics at Mach Number 4,04 of a Rectangular Wing of Aspect Ratio
1.33 having a 6-Percent-Thick Circular-Arc Profile and a 30-Percent-Chord Full-Span Trailing-Edge Flap. NACA RM L53D03,
19563. {U)

. Robinson, R. L.: An Investigation of a Supersonic Aircraft Configuration having a Tapered Wing with Circular-Arc Sections and
40° Sweepback — Static Lateral Control Characteristics at Mach Numbers of 1.40 and 159. NACA RM LbOIt1, 1950. (U)
TABLE 6.1.6.1-A

SUBSONIC HINGE-MOMENT DERIVATIVE DUE TO ANGLE OF ATTACK
DATA SUMMARY AND SUBSTANTIATION

Ref, M A Aja A 1gop:t?°f‘ c, Cy ac,
{deg} Surface Cale Test Cale-Test
9 0.23 6.0 5.7 05 Elevator | —0.00268 ~0.0030 0.0003
10 0.21 45 35.3 05 Elevator | —0.00273 -0.0034 0.0007
06 —0.00209 —0.0028 0.0007
0.8 —0.00310 -0.0022 —0.0009
0.85 —0.00365 ~0.0016 —0.0021
09 —0.00460 ~0.0015 —0.0031
1" 0.25 3.0 45.6 05 Elevator | —0.00167 —0.0030 0.0013
0.6 —0.00145 —0.0030 0.0015
0.8 —0.00231 ~0.0027 0.0004
09 —0.00360 —0.0025 —0.0011
12 055 3.04 35.0 1.0 Flap —0.00211 —0.0057 0.0036
0.8 -0.00368 —0.0045 0.0008
09 ‘ ' I —0.00558 —0.0044 —0.0012
13 03 4.785 35.22 0513 Aileron 0.00296 —0.0024 0.0054
0.6 0.00234 —0.0022 0.0045
0.8 0.00233 0 0.00233
0.85 0.00238 —0.002 0.00438
0875 0.00241 0 0.00241
0.9 0.00249 —0.004 0.00649
0.3 4.65 35.59 0.450 Elevator 0.00154 0 0.00154
0.6 0.00101 —0.0015 0.0025
08 0.000889 | ~0.0028 0.0037
0.85 0.000866 | —0.0026 0.0035
0.875 0000851 | —0.0042 0.0051
0.9 0.000847 | —0.0047 0.0055
a4 0.7 40 a8 05 Aiteron | —0.00418 —0.0013 —0.0029
0.8 | I f —0.00546 —0.0030 —0.0025
0.8 i —0.00842 0.0013 —0.0097
14 0.25 5.515 45.0 0532 Aileron | —0000982 | -0.00244 0.00146
0.8 —0.00280 —0.00195 —0.00085
0.9 —0.00392 —0.00280 -0.00112
0.25 : ! —0.000986 | —0.00244 0.00145
08 \ ~0.00280 —0.00195 —0.00085
0.9 ~0.00393 -0.0028 —0.0011
15 0.6 3.50 60.8 0.25 Elevon —0.000858 | -0.0039 0.0030
| 09 | ! | | —0.00166 ~0.0059 0.0042
16 0.328 3.06 38.7 0.49 Alleron | —0.000753 | —0.0002 —0.0006
1 0.328 | | Aileron 0.000920 0.0041 ~0.0002
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TABLE 6.1.6.1-A {CONTD)

FR T TR -+ IR 3 S
Surface Cale Test Calc-Test

17 0.302 3.06 38.7 0.49 Aileron —0.000713 | —0.001 0.0003
0.499 ~0.00113 —0.001 —0.0001

0.7 —0.00184 ~0.001 -0.0008

0.8 -0.00255 —0.001 —0.0016

8 0.12 3.43 486 0.44 Aileron 0.000427 —0.0024 0.0028
0.000661 —0.0015 0.0022

0.00124 ~0.0011 0.0023

—0.000303 ~0.0025 0.0022

0.000143 —-0.0011% 0.0012

0.00472 0.0015 0.0032

—0.000214 | -0.0015 0.0013

18 012 358 48.7 0.44 Aileron ~0.00141 -0.0035 0.0021
0.0000304 | —0.0016 0.0016

0.00351 0.0022 0.0012

-0.00123 ~0.0026 0.0014

0.000207 —0.0011 0.0013

0.00369 0.0026 0.0011

~0.000754 —0.0019 0.0011

0.000683 ~0.0008 0.0015

0.00417 0.0027 0.0015

19 0.17 45 7.6 05 Elevator | —0.00240 —0.0020 —0.0004
35.3 | ~0.00158 —0.0021 0.0005

20 0.12 336 135 0.4 Flap ~0.00186 —0.0016 —0.0003
—0.000532 o —0.0005

—-0.00118 -0.0003 —0.0009

3.30 40.0 04 Flap —0.00581 —0.0028 —0.0030

—0.000417 -0.0012 0.0008

0.00109 0.0040 —0.0029

0.000920 0.0039 —0.0030

3.36 13.5 0.4 Flap —0.00262 —0.0036 0.0010

-0.000860 | -0.0037 0.0028

~0.00169 —0.0038 0.0021
—0.00104 0 —0.00104
0.0000177 | —0.0002 0.00022

-0.000520 | —0.0003 ~0.0002
0.000369 0 0.00037

0.000800 0.0006 0.0002

0.000511 0.0004 0.0001

3.36 13.6 0.4 Flap 0.000181 -0.0022 0.0024

0.000626 | -0.0034 0.0040

0000325 | -0.0044 0.0047

0.00374 0.001 0.0027

0.00283 0.0013 0.0015

0.00317 0.0008 0.0024

Average 8 fC, ~Cy, |- 00020
calc test
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TABLE 6.1.6.1-B

SUPERSONIC HINGE-MOMENT DERIVATIVE DUE TO ANGLE OF ATTACK
DATA SUMMARY AND SUBSTANTIATION
Ref. M A AE A Cha Cha A (Cha)
(deg) Calc Test Calc-Test
ral 1.61 31 23 0.4 -0.0193 —0.0183 -0.001
22 1.9 4.0 427 0.5 —0.0177 -0.010 —0.0077
1 ! | —0.0177 | -0.014 -0.0037
23 19 1.06 45 0.31 —0.0056 —0.003 —0.0026
24 1.61 31 23 0.4 —-0.0278 —0.0133 —0.0145
-0,0203 —0.020 —0.0003
—0.0222 -0.019 —0.0032
-0.01983 -0.0175 -0.0018
-0.0215 -0.023 00015
--0.0236 -0.0217 —0.0019
2.01 -0.0168 --(0.0163 —0.0005
—-0.0172 -0.015 -0.0022
—0.0154 —-0.0146 —0.0008
25 1.59 40 a2.7 0.5 ~(.0108 —0.012 0.0012
~0.0108 —0.012 0.0012
—0.0108 -0.013 0.0022
—0.0108 -0.017 0.0062
26 1.93 3.14 9.33 0.59 —0.0127 -0.009 -0.0037
27 4,04 1.33 ] 1.0 —0.00479 —-0.006 0.00121
28 1.59 1.0 427 a5 —-0.0107 ~0.0163 0.0056
1.59 1.17 40.6 0.337 —0.0041 -0.0043 0.0002
Average & Ch — Ch = 0.00301
Yealc rest
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TABLE 6.1.6.1-C
COMPUTING FORM FOR SUMMING PRESSURE-AREA-MOMENT PARAMETER OF TRIANGULAR
SEGMENTS OF WING-ROOT AND WING-TIP CONICAL-FLOW REGIONS
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@

@

O,

®

®

' 22
Figures for Enter Figurs Valua of s (3" 14878 G
Determining Canicel-Flow st Followlng' Valus of e o e
Columm@&@ Ragion Valueofnarr |t Iyf1+ 842 25, {eu )
.5 2K, et )

6.1.6.1 —22k 1 - — 1 d) ———a, | (DK

K T
through 1 c.p.
6.1.6.1-224

x, ?K1 |1-otc_p_l

2 - —tta 3y ——— O
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Ky 2cr (- "n.p.) 2
6.1.6.1-22a 3 - 1.0 ERNO LR
through c {1- dtc_p_l r
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Arrows show proceduré for summing pressure-area-moment parameter. (Encircled numbers
correspond to regions as designated in computing form for pressure-area-moment parameter.)
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6.1.6.2 HINGE-MOMENT DERIVATIVE €, OF HIGH-LIFT AND CONTROL DEVICES
5

A. SUBSONIC

The hinge-moment derivative due to control deflection can be approximated from the method of
Reference 1. The method is based on lifting-line theory, with additional lifting-surface corrections
to account for sweep.

The method is based on equations in terms of section parameters; therefore, the accuracy of the
method is dependent upon the accuracy with which the section characteristics can be estimated.
Test data on the particular airfoil-flap combination under consideration or one closely resembling it
should always be preferred to characteristics obtained from generalized methods. Calculated values
and test data for several different configurations are presented in Table 6.1.6.2-A to illustrate the
accuracy of the method and summarize available test data.

The method is directly applicable to control surtaces having constant chord ratios and constant
airfoil contours across the span. For configurations with variable chord ratios or variable airfoil
contours across the span, it is suggested that average values of the section characteristics be used.
Furthermore, the accuracy of the method in predicting the effects of finite-wing parameters
decreases as the wing aspect ratio decreases. Application of the method to wings with aspect ratios
of three or less should be avoided.

Experimental data have shown that for sweptback wings the shape of the ends of the control
surface can have a critical effect on the hinge-moment parameters. The Datcom method is
applicable to controls with the control-surface ends cut parallel to the plane of symmetry. For
configurations with wing cutouts, or with control surfaces that do not have ends parallel to the
plane of symmetry, it is suggested that empirical proccdures be used to estimate Cha

The effect of subcritical Mach-number corrections on hinge moments appears to be small for
control surfaces having trailing-edge angles less than approximately 129, Therefore, the Datcom
method, which neglects subcritical Mach-number effects, may be applied over a large portion of the
subcritical Mach-number range.

DATCOM METHOD

The hinge-moment derivative due to the deflection of a sealed, plain trailing-edge control at
subsonic speeds, based on the product of the control-surface area and the control-surface chord §_c_
(area and chord aft of the hinge line), is approximated by

2cos/\c',4

C, =cosA_,, cosAy, (ch ) +a, (ch ) ——————— | +AC, 6.1.6.2a
b o/ 5 balance %] balance A +2cos Ac,’4 ’ &
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where

(ch ) is the section hinge-moment derivative due to angle of attack. Test data on the
#f palance  particular flapped airfoil are preferred, but the derivative can be approximated

by the method of Paragraph A of Section 6.1.3.1. (This term could be ¢/, or

o

(h from Section 6.1.3.1))

[+

(c'h ) is the section hinge-moment derivative due to contro! deflection. Test data on
] balance the particular flapped airfoil are preferred, but the derivative can be
approximated by the method of Paragraph A of Section 6.1.3.2. (This term

could be ¢; or ¢/  from Section 6.1.3.2)
5 5

o is the two-dimensional lift-effectiveness parameter expressed as
C
().
g =~ — {Equation 6.1.1.1-b)
(*
¢l
where
¢, is the lift effectiveness of the sealed, plain trailing-edge control obtained
by using the method of Section 6.1.1.1.
¢, is the airfoil section lift-curve slope (including the effects of
¢ compressibility) from Section 4.1.1.2.
When experimental values of the section lift increment Ac, are available,
the lift effectiveness parameter should be calculated using
Ac )
2 experiment
(@) =-'—
[ ~
2 (LQQ) 5
5
AC, is an approximate lifting-surface correction which accounts for induced-camber

? AC,
5
effects. It is obtained by multiplying the quantity

(:Q‘s B2 K.s COSAcM cosAy s

from Figure 6.1.6.2-15a, by its denominator. The primed values of the control-
surface and wing chord ratios, used in reading Figure 6.1.6.2-15a, refer to
measurements normal to the wing quarter-chord line.

The terms in the denominator are defined below, except for ¢, , which is
defined above. 8
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B, accounts for the effect of the control surface and balance chord
ratios. This parameter is obtained from Figure 6.1.6.1-19¢,where the
primed values of the control-surface and balance-chord ratios refer to
measurements normal to the quarter-chord line.

K, accounts for the effect of control-surface span. This parameter is
defined by
Ky, (1—n)=(K,), (1-1,)
- K, = 6.1.6.2-b
7?0 - Tii
where

m is the inboard span station of the control,

_ inboard span ordinate
b/2

7

(K;),. is obtained from Figure 6.1.6.2-15bas a function of
the inboard spanwise location (n,) of the control
panel.

UR is the outboard span station of the control,
_ outboard span ordinate

Mo = b/2

(K, )n is obtained from Figure 6.1.6.2-15b as a function of
®  the outboard spanwise location (n,) of the control
panel.

Sample Problem

Given: The flapped wing configuration of Reference 8. This is the configuration of the sample
problem of Paragraph A, Section 6.1 .6.1. The characteristics are repeated,

Wing Characteristics:
A =343 A =044 Ay = 48.7° NACA 65-012 airfoil (normal
to .50c of unswept wing)
. E: .
t/c = 0.086 (streamwise) tan > = 0.0697 (streamwise)
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e

TE .
= (.0523 (streamwise)

tan

Flap Characteristics:

Plain trailing-edge flap Sealed gap Ay =41 o

cfc = 0.167 (streamwise) ¢'s/c’ = 0.20 (normal to .25¢)
cleg = 0.090 (streamwise) c'blc'f = 0,115 (normal to .25c¢)
t./(2¢;) = 0.090 (streamwise) Round-nosed control

"
(=]

n, =058 nm, =099 8

" Additional Characteristics:

Low speed Re = 2.2x 10°
(ch ) = —0.00516 per deg A
balance '

cq, = 0.105per deg
L (Sample Problem, Paragraph A, Section 6.1.6.1)
cQ

X - 0855

(cga)theory y

Compute:

Lift effectiveness (Section 6.1.1.1)

(cQ ) = 3,29 perrad (Figure 6.1.1.1-39a)
& theory
c
¥ :
- = 0,745 (Figure 6.1.1.1-39b)
g
( a)theory

K' 1.0 (Figure 6.1.1.1-40)

1

_ ACQ _ cﬁa
cga af (CQB)theory

(0.745) (3.29) (1.0) = 2.45 per rad

K’ i -
(CQB)theory (Equation 6.1.1.1-c)
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= . Equation 6.1.1.1-b
o (c ) (Equati )
Qa &
= 2.45 . 0.407
(0.105) 57.3 )

Section hinge-moment derivative ¢, 5 (Section 6.1.3.2)

(ch ) = -0.810 per rad (Figure 6.1.3.2-12b)
) theory
c'ha
- = 0.8B83 (Figure 6.1.3.2-12a)
( h(‘fb)l;l‘leory

hg

c h = Ch——-— (chﬁ) eory (Equation 6.1.3.2-a)
& theory

= (0.883) (-0.810) = -0.715 per rad

¢, 2 1, 2
Balance ratio =| {—] -l — =0
s 2(:f

(ch 5) balance

"
Cha

= 1.0 Hgure 6.1.3.2-13)

: (%) ¢"
hg c hg +2 (026) theory 1- ————-—(cga) tan ;E
theory

C

(-0.715) + 2(3.29) [1-0.745] (0.0523 - 0.086)

-0.7715 perrad = -0.0135 per deg

(e 8) "y ('—Cha):m“
balance & €y 5

{Equation 6.1.3.2¢)

-0.0135 per deg

(Equation 6.1.3.1d)

t
?) (Equation 6.1.3.2-b)
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Induced camber effect ACh
5

B, = 0.885 (Figure 6.1.6.1-19¢)
(K, )n_ =20
' Figure 6.1.6.2-15b
(K;) 7, =425
(K, (1 =m) = (Kp), (1 =1
K.s = (Equation 6.1.6.2-b)
720 - 7?i

. (2.0)(1 — 0.586) - (4.25)(1 — 0.99)

0.99 — 0.586
=1.944
Cop B, K, cos A,  cos Ay, = §—4§ (0.885) (1.944) (0.660) (0.7547)
= 0.03665 per deg
AC

hg

=0.0218 (Figure 6.1.6.2-15a)

c, B, KLs cosACM cos Ay

s

AC. =(0.0218) (0.03665) = 0.000799 per deg
h
5

Solution:

2 cos Ac!4
C, =cosA_, cosA, (ch ) +a (ch ) ——— [+ AC,
hs ! 8 balance ? %7 balance At 2 cos Ac,‘4 A

{Equation 6.1.6.2-a)

‘ 2(0.6600)
= (0.6600) (0.7547) [(—0.0135) +(-0.407) (-0.00516) ] +0.000799

3.43 + 2(0.6600)
= -.0.00563 per deg

The test value from Reference 8 is —0.0031 per degree.
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B. TRANSONIC

No method is available for the prediction of the hinge-moment derivative C, at transonic speeds.
5

Because of the mixed-flow conditions and interrelated shock-wave and boundary-layer-separation
effects encountered at transonic speeds, the prediction of Cha by theoretical means is extremely

difficult. Experimental results for Cha at transonic speeds are presented in References 2 through 5.

C. SUPERSONIC

The supersonic three<dimensional hinge moment due to control deflection can be computed for
trailing-edge surfaces by the method of Reference 6. The method is based on linearized theory and
applies to tapered and untapered control surfaces with the following restrictions:

1.

2

Leading and trailing edges of the control surface are swept ahead of the Mach lines from
the deflected controls.

Control root and tip chords are parallel to the plane of symmetry.

Controls are located either at the wing tip or far enough inboard so that the outermost
Mach lines from the deflected controls do not cross the wing tip.

Innermost Mach lines from the deflected controls do not cross the wing root chord.

The wing planform has leading edges swept ahead of the Mach lines and has streamwise
tips.

Controls are not influenced by the tip conical flow from the opposite wing panel or by
the interaction of the wing-root Mach cone with the wing tip.

Calculated values and test data for several different configurations are presented in Table 6.1.6.2-B
to illustrate the accuracy of the method and summarize available test data.

For leading-edge control surfaces and for trailing-edge control surfaces with subsonic leading edges,
reverse-flow techniques (see Reference 7) can be used.

DATCOM METHOD

The hinge-moment derivative Cha at supersonic speeds for a symmetric, straight-sided control,

based on the product of the control-surface area and the control-surface chord S c. (area and
chord aft of the hinge line), is approximated by

C "1 1 -Equ pC’ 6.1.6.2
hg g C, TE hg -1.0.2°C
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C
2
( l - — ¢TE> is a thickness correction factor to the supersonic flat-plate derivative.

€y = —/———= perradian
M2 -1

(y+1)M* - 4M? - 1)

c, = A per radian

AM? - 1)
Pre is the trailing-edge angle in radians, measured normal to the control hinge line.
¥ is the ratio of specific heats,y = 1.4.

For a symmetrical biconvex airfoil the airfoil thickness correction factor in Equation 6.1.6.2-cis

A2 L]

(t )' is the maximum airfoil-thickness ratio, measured in a plane normal to the control
hinge axis.

Xy, " is the chordwise location of the control hinge axis, measured in a plane normal to
the control hinge axis.

Thickness correction factors for other airfoil sections can be determined fromReference 6.
gC is the supersonic flat-plate hinge-moment parameter obtained from Figure 6.1.6.2-17.
s For tapered controls this parameter is a function of tan A L/ﬁ, tan ATE/ﬁ, and the
control taper ratio A.. For untapered controls it is a function of tan Ay, /B, tan
ATE /8, and the control aspect-ratio parameter BAr .
Sample Problem
Given: Wing with a tapered, trailing-edge control.

Ay = 31° A =276° A= 0713 o = 3°-

Symmetric, flat-sided section M= 1.80; g = 1.50
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Compute:

C, = ————=— = 133 perrad

2 2
1 M2 -1 1.5

(DM - aME- D (2.4)(1.8) -4(2.24)

C, = 3 = 1.62 per rad
2AM? - 1) 2(2.24)2
C
2 1.62\ 3.0
-— =1 -{—)— |= 0936
1 Cl e (1.33)5 3

an Ay 0.6009
B 1.5

= 0.401

tan Ayp 0.5228
8 1.5

3C'h8 =-0.0335 per deg  (Figure 6.1.6.2-17c)

Solution:
- 1 C2 1 -
Chﬁ ——B- l - -a P ﬁCh6 (Equation 6.1.3.2-¢)
0.9
= ——] ié (-0.0335) =-0.0209 per deg
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TABLE 6.1.6.2.A

SUBSONIC HINGE-MOMENT DERIVATIVE DUE TO CONTROL DEFLECTION
DATA SUMMARY AND SUBSTANTIATION

Ret. M A (r::;‘; A gggfrgr Ch;, C\8 ac hy
Surface Calc Test Calc-Test
9 0.23 6 5.7 0.5 Elevater | —0.0118 -0.0104 0.0014
10 0.1 45 35.3 05 Elevator | —0.00830 —0.0081 --0.0002
0.6 —0.00976 —0.0094 -0.0004
0.8 -0.0132 -0.0118 -0.0014
0.85 —0.0151 -0.0128 —0.0023
0.9 -0.0184 -0.0147 -0.0037
11 0.26 3 45.6 05 Elevator | —0.00608 —0.0067 0.0006
0.6 ~0.00725 -0.0079 0.0006
0.8 —0.00991 -0.0083 -0.0016
0.9 -0.0139 ~0.0087 —0.0052
12 0.55 3.04 35.0 1.0 Flap —0.00956 —0.0085 -0.0017
0.8 —-0.0136 -0.010 —0.0036
l 0.9 l -0.0190 -0.010 ~0.0030
13 0.3 4,785 35.22 0513 Aiteron —0.00431 -0.0057 0.0014
0.6 —0.00586 ~0.0046 -0.0013
0.8 —0.00829 —0.0043 —0.0040
0.85 —0.00962 —0.0040 —0.0056
0.875 -0.0106 —0.0040 —0.0066
0.9 Y Y Y ' ~0.0119 ~0.0055 —0.0064
03 4.65 35.59 0.450 Elevator | —0.00593 —0.0063 0.0004
06 —0.00755 ~0.0040 -0.0036
0.8 -0.0103 —0.0024 —0.0079
0.85 -0.0119 -0.0020 ~0.0099
0.875 -0.0130 ~0.0006 -0.0124
Y 0.9 ' ] Y Y t -0.0144 0 —0.0144
4 0.7 4.0 48 05 Aiileron —0.0164 -0.0110 ~0.0054
0.8 -0.0199 -0.0130 —0.0069
l 0.9 l l l —0.0281 -0.0185 --0.0096
14 0.25 5.515 45.0 0.532 Aileron —0.00554 ~0.005 ~0.0005
08 —0.00945 —0.006 -0.0035
0.9 -0.0131 —0.006 -0.0071
0.25 ~0.00552 -0.005 —0.0005
0.8 -0.00941 ~0.006 —0.0034
i 0.9 —0.0130 —0.006 -0.0070
15 0.6 3.50 60.8 0.25 Etevon [ -0.00337 -0.0029 ~0.0005
0.9 | -—0.00626 ~0.0035 -0.0028
16 0.328 3.06 38.7 0.49 Aileron —0.00571 -0.0031 —0.0026
0.328 l 0.00363 —0.0013 0.0049
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TABLE 6.1.6.2-A |[CONTD)

Ref. M A, (::{;: 13 égﬁrg: Ché Ch6 r.xChl5
urface Calc Test Calc-Test
17 0.302 3.06 38.7 0.49 Adleron —0.00566 —0.0043 ~0.0014
0.499 —0.00633 -0.0043 —0.0020
0.7 -0.00787 —0.0047 —0.0032
08 —0.00955 -0.0048 —0.0048
.18 0.6 3.0 0 1.0 Flap —0.00225 —0.005 0.0027
0.7 -0.00262 ~0.004 0.0014
0.8 -0.00327 —0.0026 —0.0007
0.85 —0.00383 —0.0095 0.0057
0.9 —0.00478 —0.005 0.0002
0.6 —0.00301 —0.005 0.0020
0.7 —0.00347 -0.004 0.0005
0.8 ~0.00429 —0.005 0.0007
0.85 —0.00499 -0.0085 0.0005
09 —0.00619 —0.002 —0.0042
06 —0.00390 -0.0053 0.0014
0.7 -0.00447 —0.0043 —0.0002
08 —0.00547 -0.001 -0.0045
0.85 —0.00634 -0.004 —0.0023
09 —0.00782 -0.0043 —0.0035
0.6 —0.00564 -0012 0.0064
0.7 —0.00641 —0.011 0.0046
0.8 —0.00779 —~0.011 0.0032
0.85 ~0.00901 -0.012 0.0030
Y 09 Y ¥ ¥ —0.0111 —0.0145 0.0034
8 0.12 343 48.6 0.44 Aileron -0.00477 —0.0064 0.0016
—0.00469 —0.0060 0.0013
—0.00447 —0.0057 0.0012
—0.00504 -0.0067 0.0017
—~0.00489 ~0.0064 0.0015
-0.00178 —0.0035 0.0017
¥ | Y Y \ { —0.00543 ~0.0069 0.0015
19 012 3.58 48.7 0.44 Aileron —0.00592 ~0.0071 0.0012
—0.00494 —0.0056 0.0007
—0.00219 —0.0025 0.0003
—0.00586 —0.0073 0.0014
-0.00488 —0.0058 0.0009
—0.00214 -0.0028 0.0007
Y Y ) ¥ Y —0.00568 ~0.0070 0.0013
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TABLE 6.1.6.2-A (CONTD)

Ref, M A Acld gype of Ch Ch ACh
ideg) Sﬁ?fggel Cali: Te:t Calc-Taest
19 0.12 3.58 48.7 0.44 Aiferon | ..0.00471 —0.0057 0.0010
{ + ' * —0.00199 —0.0023 0.0003
20 0.17 45 7.6 05 Elevator | —0.0109 —0.0095 20.0014
* + 353 * —0.00775 —0.0069 —0.0009
21 0.12 3.36 135 0.4 Flap —0.0102 —0.0068 —0.0034
—0.00558 —0.0032 —0.0024
l l l —0.00768 —0.0041 —0.0036
3.30 400 4 Flap —0.00698 -0.0078 0.0008
—0.00376 —0.0049 0.0011
—0.00455 —0.0012 -0.0034
—0.00251 0.0005 ~0.0030
3.36 135 Flap ~0.00735 —0.0100 0.0026
—0.00392 —0.0082 0.0043
—0.00550 —0.0086 0.0031
—0.00608 —0.0059 ~0.0002
~0.00318 —0.0054 0.0022
—0.00452 —0.0054 0.0009
~0.00536 -0.0048 —0.0006
~0.00335 ~0.0036 0.0002
~0.00412 —0.0040 —0.0001
—0.00539 —0.0110 0.0056
--0.00279 —0.0094 0.0066
—0.00426 —0.0112 0.0069
~0.00197 —0.0019 —0.0001
-0.000815 | -0.0022 0.0014
' ' ! Y ! -0.00149 —0.0027 0.0012
Average & = 0.0029
6test
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TABLE 6.1.6.2.8

SUPERSONIC HINGE-MOMENT DERIVATIVE DUE TO CONTROL DEFLECTION
DATA SUMMARY AND SUBSTANTIATION

Ref. M A ALe A Cn, Cp, ate, )
(deg} Calc Test Cale-Test
b7, 1.61 31 23 04 -0.02090 | —0.0210 0.0001
2 19 a0 42.7 05 —00122 | —0.010 —0.0022
{ ¥ { ¥ { 00122 | —0.014 0.0018
24 19 1.06 45 0.31 -00t61 | —0.010 —0.0051
25 1.61 3.1 23 04 —0.0192 | —0.021 0.0018
~0.0196 | —0.019 —0.0006
—0.0207 | -0.020 —0.0007
~0.0209 | —0.021 0.0001
—0.0232 | —0.0245 0.0013
00255 | —0.026 0.0005
201 —0.0146 | —0.015 0.0004
—00152 | —0.016 0.0008
¥ Y Y 1 —0.0153 | -0.016 0.0007
26 1.59 4.0 2.7 05 —0.0169 | —0.012 —0.0049
—0.0169 | —0.012 —0.0049
—0.0169 | —0.016 —0.0009
Y —0.0169 | -0.017 0.0001
27 1.93 3.4 9.33 0.59 —0.0124 | —o.om —0.0014

28 204 1.33 o 10 —0.00464 | —0.0056 0.001
29 1.59 a0 42.7 05 —0.0166 | —0.0157 —0.0009
1.59 117 406 0.337 —0.0149 | —0.0031 —0.0118

Average & | G - Ch = 0,0020
soaic lstast
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SUPERSONIC SPEEDS
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6.1.7 DRAG OF HIGH-LIFT AND} CONTROL DEVICES

There are two types of movable control surfaces. Control surfaces or Haps may exist as movable portions of primary
lifting surfaces, such as ailerons on a wing or elevators attached to stabilizers. A control surface may also exist as an
independent lifting surface, such as an “all-flying” horizontal 1ail. The drag due to deflection of the latter type of control
is treated simply as the drag of the surface at a different angle of attack. This section of the Datcom is therefore con-
cerned anly with the drag due to deflection of flaps or control surfaces that are movable parts of primary lifting surfaces.

The deflection of Haps or control surfaces causes two increments of drag. First, the profile drag of the primary-surface -
movable-surface combination is changed. Second, if the two surfaces are producing a force normal to the-local flow
direction. the deflection of the control surface will produce a different span-loading distribution and may therefore change
the induced drag of the surfaces. Both profile-drag and induced-drag eflects are considered in the Datcom.

A. SUBSONIC

The changes of both induced drag and profile drag due to control or flap deflection are considered. The change of induced
drag is caused by a change in span-loading distribution. The induced drag is calculated first without flap or control
surfaces deflected and then with these surfaces deflected. The increment of drag thus obtained is the change of induced
drag due to flap or control-surface deflection,

The method of calculating induced drag used in this Section is limited to the flap deflections and angles of attack for
which the flow is attached over the control surface. The approximate maximum control deflections for linear control
characteristics are given in figure 6.1.3-2. This chart, based on test data for an NACA 0009 airfoil, is intended only to
serve as a guide.

DATCOM METHOD

To calculate the induced drag for a spanwise symmetrically loaded wing. the span-loading distribution is determined by
the method of Section 6.1.5.1. A finite number m  of spanwise stations on the full-span wing is chosen. Each station
is indicated by the integers v and n, which are related to span location by the equation

= cos hid = 08 nr 6.1.7
" m+1 m+1 -8

The number of span stations m  must be an odd integer. If the span loading is a smooth curve, m may be relatively
small, for example, 7, 9, or 11. If the span loading is not smooth, m should be larger, for example, 13, 15, or 17.

For a given flap deflection 8, the span loading is given by
G. :(g) (2,) 8 6.1.7

where @, is obtained from Section 6.1.1.1, 8 is the streamwise control deflection, and (G/8), is determined as outlined in
step | of Method 2 in paragraph A of Section 6.1.5.1.

The induced drag can be expressed, by the method of reference 1, as

k k—1 k
Chl = ‘l?:r‘i—l! Ck bk" Cl-' - Z (1 - skn ) Bkn Gn + 2 2 Gl.‘ bvv G\' - Z (1 - 8\11 ) an Gn sin ¢v 6.1.7¢
L l n=1 v=1 n=1
where
_ m+1
k = — 6.1.7.d
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m+1 _
4 sin ¢y forn=v 6.1.7-¢

=hy forv=n=k

bon = Sin ¢ (1 —(_l)n_v) fornstv 6.1.7-4

{cos ¢ — €08 ¢ )? 2 (m+1)

5..=1 forv=n 6.1.7-g
5, =0 forvzn 6.1.7-h
B.. =bhuy forn= m_;-_l_ =k 6.1.7-i
B.. = by F bemas forne ""2*1 =k 6.1.7-j
& = cosy 6.1.7-k

—_— vw -
o= =3 6.1.7-1

—_— nw -
¢ = mrl 6.1.7-m

G, -.:-((_;.) \- (o) 8 (equation 6.1.7-b)

=G, forn=v

=G, forn=k

The sample problem at the end of this section demonstrates the use of equation 6.1.7-c. Step 1 of the sample problem is
an evaluation of the terms of equation 6.1.7-c that are functiens only of m, andhenceof n and v. Once calculated
for a given number of span locations m, Step 1 need not be repeated. Therefore, when using m = 11 or m = 21,
one may utilize the results of Step 1 in the sample problem, and begin the calculations at Step 2.

Equation 6.1.7-c gives the induced drag coefficient at a given angle of attack and a given flap deflection. The correspond-
ing lift coefficient is

k-1
A .
G, =—=7| G+ 2 Z Gy sin ¢ 6.1.7-n
n=1

where the terms of equation 6.1.7-n are defined as in equation 6.1.7-c.

Cu.
FLAPS UP
e = FLAPS DOWN

SKETCH (a)

®  FROM SAMPLE PROBLEM

Cn,

6.1.7-2



Equations 6.1.7-c and 6.1.7-n are evaluated at several angles of attack, both with flaps up end with flaps down. The
induced drag coefficient Cp, is then plotted versus C, for flaps up and flaps down, as shown in sketch (a). The
increment of Cp, between these curves, at constant C, , is the induced drag due to flap deflection at a given lift
coefficient.

The increment of profile drag due to control or flap deflection can be expressed as a change of the minimum drag co-
efficient for the polar of the primary surface with undeflected control or flap. The minimum drag coefficient is then

(Co)mta = (Cnmn,)“_p.“p + ACDm,n 6.1.7-0
where
2
8Coy,, = Acg K, + K7 {2511 6.1.7:p

Aca, s the airfoil section drag coefficient with deflected flap given in figures 6.1.7-22 and 6.1.7-23 as a func-

tion of deflection and of % for plain and for single-slotted flaps.

K. is given in figure 6.1.4.1-15 as a function of taper ratio and flap span ratio.

K’ is the flap span factor given in figures 6.1.7-24(a), (b), and (c), taken from reference 2.

ACy, is determined by the mechanical flap method of Section 6.1.4.1
The shift of the polar without flap or control deflection can now be drawn (figure 6.1.7-27)}. The increment of induced
drag due to flap or control deflection is added to the basic polar. The resulting curve is then translated parallel to the
Cyp-axis until the minimum C, agrees with the value given by equation 6.1.7-0.

Sample Problem

Given: The flapped-wing configuration with the following characteristics.

Wing Characteristics:

A =635 =05 A, =40° S, = 567sqft

©
n

30.0 it

126ft T =.98ft  b,/2

¢l
NACA 63,012 airfoil (streamwise) tan -1;-=0.073

Flap Characteristics:

Plain trailing-edge flap Sealed gap
7, = 0.195 n, = 0556 5 = 11.3° (streamwise)

¢ fc = 0.20 (streamwise)

6.1.7-3



Additional characteristics:

Low speed; § = 1.0 Co = 0.0203 a = 10°
minf § =
Ry = 9.0x 108
Compute:

Step 1. Parameters that are functions of m are evaluated. These parameters remain constant for
any particular value of m. Tables are presented in this section for m = 11 and 21, (tables
6.1.7-A through 6.1.7-F). In case it is desired to use some other value of m, the procedure
for calculating these parameters is outlined below. Equations 6.1.7-a through 6.1.7-m are
used.

‘Let m = 11
m+1 =12
m+1
k = = 6
2
v=1tok(l to6)
n=1tok(lto6)
(h (2}
v by sin ¢y €08 ¢y {cos o — €OS ) ?
= 1] I
1 v
n

2 1 2 3 4 5 6

3 Equation 6.1.7-4 1

4 2

5 3

6 4

5
6
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@ (4)

1 — (1) b -
2(m+ 1) -
n
- 1 2 3 4 5 6
2 3 4 5 6 A
2
3 Equations 6.1.7-¢ and 6.1.7-f
4
5
6
(5) -
(cos $yyus-n — co8 )2 | 21 [-,-n(_:i; (me1-n)-v
M v
2 3 4 5 6 n : . : - - 6
1
2
3
4
5
6
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n (8)
Bermeses 3= e
v
v
n 2 3 4 5
2 3 4 5
1
2
Equations 6.1.7-g and 6.1.7-h
3 Equations 6.1.7-¢ and 6.1.7-f, with
{m + 1 — n) substituted for n
4
5
6
(10)
L))
B‘_. (1 - avl) an
v v
n
2 3 4 5 3 4 L]
1
2
3 Equations 6.1.7-i and 6.1.7-j
4
5
6
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Step 2. Spanwise loading coefficient G,.
The following spanwise loading coefficients must be obtained:
1. Basic loading without flaps

2. Incremental loading due to flap deflection

3. Basic loading with flaps
1.  Basic loading without flaps:

The variation of G/ with 7, is determined as outlined in step 1 of Method 2
in paragraph A of Section 6.1.5.1.

e, = 0.116 per deg = 6.65 per rad (table 4,1.1-B)

C,

o 6.65
K= ‘2'; = 7 = 1.06
BA - {1.0) (6.35) = 6.0

K 1.06

tan A )
Aﬂ = tan! (-ﬁ_di)= tan™! (talno40 )= 40°

The variation of G/8 with n, is then the spanwise loading from figure 6.1.5.1-62¢
with , = 1.0 (wing treated as a full-span flap). The desired loading coefficient
G, is calculated as follows:

G

v

- (9-)05 & (equation 6.1.7-b)

]
ag = —1.0 (wing treated as a full wing-chord flap)
d = o (radians) = 0.175 rad

Then

The calculation is shown below.
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K (_(Si)v r:d G,
per rad

0 .32 175 0560
1 .33 d75 0578
2 34 175 .0595
3 34 175 0595
4 34 175 .0595
) .33 175 0578
6 32 175 .0560
T 30 175 0525
8 .20 175 0455
9 21 175 0568
1.0 0 175 0

2. Incremental loading due to flap defiection:

The variation of G/§ with n, may be read directly from figure 6.1.5.1-62¢ at
7, = 0.195and n, = 0.556. Then, the difference in the spanwise loading of

those tabluations at each span station is the spanwise loading of the actual full-
chord flap. (See sketch (b), Section 6.1.5.1.)

Flap effectiveness ag

C!a

————= 0.899 (figure 4.1.1.2-89)

( !a)thoory
cy

3 = 0836 (figure 6.1.1.1-39b)

C

( !6) theory

(c‘ ) = 3.68 per rad (figure 6.1.1.1-39a)
6 theory

"K' = 0.999 (figure 6.1.1.1-40)

¢l
()
by = 8 | K’ ion 6.1.1.
cp (cl ) (c‘cﬁ)thcory (equation 6.1.1.1<)
()] theory
= ;—,17% (0.836) (3.68) (0.999) = 0.606
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Acy

= — s (gquation 6.1.1.1-b
) (cla)a ] 1 )
0.606 = 0462

T 0116 (11.3)

@
f

. -(EG)vaaa (equation 6.1.7-b)

- (%9.) (—0.462) (11.3/57.3) = 0.0911 (g)

(-—q) =(0.556 (E) =0.195 (E)
8 /ng 8/n, 5,
n (fig. 6.1.5.1-62¢) (fig. 6.1.5.1-62c) (), —Cm, G,
0 0.30 0.22 0.08 0.0073
1 0.31 0.21 0.10 0.0091
.2 0.32 0.15 0.17 0.0155
3 0.32 0.10 0.22 0.0200
4 0.30 0.07 0.23 0.0210
.5 0.23 0.05 0.18 0.0164
.6 0.17 0.04 0.13 0.0118
g 0.11 0.03 0.08 0.0073
8 0.07 0.02 0.05 0.0046
9 0.05 0.02 0.03 0.0027
1.0 0 0 0 0
3. Basic loading with flaps:
The incremental loading due to flap deflection is added to the basic loading without
flaps to obtain the basic loading with flaps.
G, G, G,
basic loading incremental loading basic loading
n without flaps due to flaps - with flaps
0 0.0560 0.0073 0.0633
1 0.0578 0.0091 0.0669
2 0.0595 0.0155 0.0750
3 0.0595 0.0200 0.0795
4 0.0595 0.0210 0.0805
5 0.0578 0.0164 0.0742
.6 0.0560 0.0118 0.0678
T 0.0525 0.0073 0.0598
8 0.0455 0.0046 0.0501
- 9 0.0368 0.0027 0.0395
1.0 0 0 0

6.1.7-9



The above loadings are plotted in sketch (b), in order that values of G may be read for

any desired 7.

12
BASIC LOADING WITH FLAPS
.08 ‘K
Gv __:‘ﬁ—f :=______-
--..-\
\\
04 BASIC LOADING WITHQUT FLAPS \\
0
0 2 4 .6 .8 1.0
[
SKETCH (b)
Step 3 CDi due to flaps

TA .
Let CDi = -r;—l [N, + N, 1] (equation 6.1.7-c)

where
k
N, = lebkk G, "Z l(l—avn) Byn Gn“
n=1
k-1 k
) DY A LD D (IEWEREH | B
v=1 n=1
el =12 k=6 TA X636
m+1 12

C,_ must be calculated for the following loadings:
1

Case 1. Basic loading without flaps

Case 2. Basic loading with flaps
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Case 1,

Tabulate Gv for v=1 tok

(Calculations for basic loading without flaps)

v (table ;1.7-A) [from ll:ci;ch {b}}

1 9659 0205

2 8660 0400

3 W (irs 0520

4 5000 0578

5 .2588 0595

6 0 0560

Calculate N,
forv=k=6n=k=2¢§
0] @ ®
G b b Gr
table 6.1.7.B =1
0560 3.000 .1680
forv=k =g
® ® ® ®
n (1 —3,) By, G. ®®
table 6.1.7-C
1 04622 0205 0009
2 0 0400 0
3 2356 0520 0123
4 0 0578 0
5 2404 0595 .1430
6 0 L0560 0
k
z ® = 0.1562
n=1

N, = 0.560 {0.1680 — 0.1562} = 0.000661
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Calculate N,

for v = 1
0] ® ® ® ®
v n (1 - avn) B\'n Cn @G)
table 6.1.7-C
1 1 4] .0205 0
2 4.187 L0400 1675
3 0 0520 0
4 3660 0576 0212
5 0 L0595 0
6 08931 0560 0050
3
2, ®= 01937
n=1
Repeat the above calcutation for v = 2 through 5. The summations are listed
below.
k
@ - 2 : (1--5‘,")13“6" for v =1t k-1
n=1
v 1 2 2 4 5
@ 1937 .1838 1762 1664 1544
® ® ® ® ® ® | @ ®
" sin by b\'v G\- bw Gv @ T @ - m @ @ @
table 6.1.7-A | table 6.1.7-B =®@® - o
1 2588 11.59 0205 2376 1937 ) 6439 000233
2 5000 6.000 0400 2400 .1838 562 001124
3 7071 4.243 0520 2206 1762 0144 001633
4 8660 3.464 0578 2002 1664 .0338 001692
5 0659 3.106 0595 1848 1544 0304 001747
k-1
2 z @ = 0.01286
v=1
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Solution for Case |

TA
o e (N, +N,1 = 1.662 [0.00066} +0.01286]

i

C

0.0225 (basic loading without flaps)
Case 2. (Calculations for basic loading with flapsat @ = 10°)

Tabulate G, for v=1tok

GV
v n sketch (b)
- |
1 9659 0220
2 .8660 0432
3 .7071 0590
4 5000 0747
5 2588 .0784
6 0 .0635
Calculate N,
forv=k=6,n=k=6
® @ ©)]
G, b b, G,
table 6.1.7-B @@
0635 3.00 1905
for v=k =6
O] HON @
(1 _6vn) Bkﬁ Gn ( "akn)Bkn Gn
i n table 6.1.7-C @0
1 04622 0220 00102
2 0 0432 0
3 2356 .0590 01390
4 0 0747 0
5 2.404 0784 .1885
6 0 0635 0

k

E @ = 0.2034

n=1

N, = 0.0635 {0.1905 ~ 0.2034} = —0.000819




Calculate N2

for v =1
v n (1 _svn)an Gn (i "‘5vn) By Gn
(table 6.1.7-C) Q@
i 1 0 0220 0
2 4.187 0432 1809
3 0 0590 0
4 .3660 0747 0273
5 0 0784 0
6 08931 0635 0057
k
5T ®= 02139
e

n=1

Repeat the above calculation for v = 2 through 5. The summations are
listed below.

K
@ - Z (1_5“)3'"(;" forv =1t k-1

n=1
v 2 3 4 5
2139 .2089 2121 2052 1873
Q] O 0 @]l 6 e lo
v sin ¢, b,, Gv b,, G, @ @—E] @ @ (2)
table 6.1.7-A | table 6.1.7-B
| 2588 11.59 0220 2550 2139 0411 000234
2 .5000 6.00 0432 2592 2089 0503 001086
3 7071 4.243 0590 2503 221 0382 001595
4 8660 3.464 0747 2588 2052 0536 003465
5 9659 3.106 0784 2435 1873 [ 0562 002456
~1
N, =2 > (®= 002127
v=1
C. = TA_IN +N.] = 1.662 [--0.000819 + 0.02127)
D,  m+1 -V 2 ' ‘ ‘

6.1.7-14
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Step 4. Determine the lift coefficient C, for Cases 1 and 2.
Case 1. (Basic Loading without flaps)
Case 2, (Rasic Loading with flaps)

Gk = 0.0635for v=k =6

) @ ©) @
n G sin ¢ G, sin¢,
- tble61.7:A | @ @
1 0220 2588 00569
2 0432 .5000 02160
3 0590 7071 04172
4 0747 8660 06469
5 0784 9659 07573

k-1
2 z @-= 0.4189
n=1

k-1
c, - xA G, + 2 Z G, sing,| (equation 6.1.7-n)
=1

m+1

= 1,662 [0.0635 + 0.4189]
= 0.8017 (basic loading with flaps deflected 11.3° at = 10°)

Step 5. Determine the profile drag increment due to flaps AC,,

min

Ac

a, = 0.0050 (figure 6.1.7-22)

0.688
K"( n,= 068

(figure 6.1.4.1-15)

0.265
K"lnl = 0.196)

K, = wa - Kbm" = 0.424

K' = 1.31 (figures 6.1.7-24a through -24c¢, interpolated)
AC, (Section 6.1.4.1)
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Aci = (.606
ag = —~0.462 {Step 2, above)

cp = 6.65 per rad
o

(aﬁ)cl_
@) = 1.056 (figure 6.1.4.1-14) (at (aﬁ)cl = (.55 from inset of
o
] figure 6.1.4.1-14)
A 2 vz 6.35 212 _
- [52 + tan l\c,zl = 306 [1+(0.7866)"1] 7.62
C_ /A= 0.640 per rad (figure 4.1.3.249)
o

CLa = (0.640) (6.35) = 4.06 per rad

(0]
CLa { S)CL

]

AC K, (e quation 6.1.4.1-a)

Ac

4.06
—] L 0.424
(0.606) (6.65) [1.056] ( )

= 0.166

)
AC = Ac ” K, + K'T(equation 6.1.7-p)

min

(0.166)2

(0.0050) (0.424) + (1.3D) w(6.35)

0.00212 + 0.00181

0.00393

Step 6. Determine the minimum drag coefficient with flaps deflected

C

jon 6.1.7-
- (CD \ + AC, ] (equation 6.1.7-0)

mins San mi

0.0203 + 0.0039

1

0.0242

At this point, the lift coefficients and induced-drag coefficients are known at a= 10° for flaps deflected
11.3°. The minimum drag coefficient with flaps deflected is also known. Steps 2 through 4 must now be
repeated at several angles of attack to determine the variation of CDI with C, , as shown in sketch (a)
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on page 6.1.7-2 for flaps undeflected and flaps deflected 11.3°. These values are plotted in the form of
figure 6.1.7-27 to give a flap-deflected drag polar, ~

B. TRANSONIC

At transonic Mach numbers, the drag increment due to control deflection is extremely difficult to estimate. The transonic
flow about an airfoil, which has locally subsonic and supersonic regions, is very sensitive to changes in airfoil section.
The supersonic flow regions frequently terminate with a nearly normal shock wave, causing an abrupt increase in pres.
sure at that point. The location of this shock wave can be greatly influenced by control deflection, which results in changes
to the pressure distribution, and hence causes an unpredictable drag increment. The complexity of the mixed flows
prevents the use of either simple theory or empirical analysis for general treatment of the problem.

DATCOM -METHOD

Because of the extreme sensitivity of the mixed flows at transonic Mach numbers, no Datcom Method is given to estimate
the drag increment due to control deflection,

C. SUPERSONIC

At supersonic spoeds, the drag due to control-surface deflection can be considered in two parts - a change of wave or
pressure drag, and a change of skin-friction drag.

DATCOM METHOD

The increment of wave drag of the primary surface with control surface deflected is

(“reveds.,

where (Co,,..) 4.o 18 determined by the method of Section 4.1.5.1.

a(Co,,,) = [(7;—0"#— —l](Cn.,,,,)o=u 6.1.7q

C
The ratio gcn"+') can be estimated by linear theory and is approximated by

( Dnre)a.o

1
* S.|+—S|
g = [ [ ][ [ - ]
where
&

< is the ratio of mean flap chord to primary-surface chord

a in the angle of attack of the primary surface with 8.o
is the deflection of the control surface relative to the primary surface, positive for trailing edge down

Sai s the part of the primary-suriace planform area forward of and including the flap area that is not influenced
by the primary-surface tip [see figure 6.1.7-28 (b))

5, is the part of the primary-surface planform area forward of and including the flap area that is influenced by
, the primary-surface tip [see figure 6.1.7-28 (b))

The effect of control surface or flap deflection on drag is
(Co)y = (Cody,, + &(Co,,,,) + A(Cn,) 617
Although procedures can be devised for estimating the change of skin-friction drag due to control surface or flap deflec-

tion, the estimated changes are so small as to be of the order of the reading accuracy of the charts of reference 3 that
are used in the calculations. Therefore the change of skin-friction drag due to control deflection will be assumed to be zero.
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Sample Problem
Given:

Configuration of sample problem 1, Method 1, paragraph C, Section 4.1.5.1.

A, = 35° A =40 t/e = 0.06
Smooth surface Stabilized flight
Ry = 10" Round-nose airfoil
M=20 (CD’)I=0 = 0.00521 (CD'.'.)"O = (ACDn)““ = 0,0171
Additional characteristics:
S = 2008q LY
A=03 c, = 1540 ft
full-span flap -5'— = 0.20
a=5° = —g° (Cp) 80 = 0.0395 (at « = 5°)

The pertinent Mach line is shown below.

L/ . u
)
\7 P21t
S| = lo.qh
S.. = 190 sq ft

Compute:

aCp calculation:

wAYVe

[1 —%] =08
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Co

= 0.8 + 0.2 (0.36) (0.975)
= 0.8702
Co,,,. .
wave m - l](cn.m )s., (equation 6.1.7-q)

= [0.8702 — 1]{0.0171)
= —0.00222

AC,

Solution for drag with flap deflection:
For a = 5°
(Co) g = (Co)a=o + ACp,,, + 4Cp, (equation 6.1.7-s)
= 0.0395 + (—0.00222) + 0

: 1
SII + ry 51
wave _ & & a+t+ 8 2 _ S-I + S| . ]
(Cn--\u)5=° B [l B c ] + [c ][ a ] [ 'S' +1 —S ] (eqilltlﬂll6.1.7 r)

= 0.03728
TABLE 6.1.7-A
v ' sin ¢, cos &,
deg =n

1 15.0 .2588 9659

2 30.0 5000 8660

3 45.0 7071 071

4 60.0 8660 5000

5 75.0 5659 2588

6 90.0 1.0 0

TABLE 6.1.7-B
by
v
n
1 2 3 4 5 6

1 11.59 2.161 0 09934 0 02311
2 4175 6.000 1.650 0 1130 0
3 0 2334 4.243 1.374 0 1178
4 3324 0 1.683 3464 1.240 0
5 o 2183 0 1.383 3.106 1.202
6 .08931 0 1667 0 1244 3.000
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6.1.7-20

TABLE 6.1.7-C

( 1- 8vn) B\m
v
n
1 2 3 4 5 6
1 0 2.167 0 1094 0 04622
2 4.187 0 1.667 0 1459 0
3 0 2.358 0 1.414 0 .2356
4 .3660 0 1.733 0 1.365 0
5 0 .2819 0 1.523 0 2.404
6 08931 0 1667 0 1.244 0
Note: m = 11 for tables 6.1.7-A, -B, and -C
m = 21 for tables 6.1.7-D, -E, and -F
TABLE 6.1.7-D
Py . €08 ¢y
v deg sin ¢, =y
1 8.18 .1423 9898
2 16.36 2817 9595
3 24.54 A153 9097
4 32.73 5407 B412
5 40.91 6549 7557
6 49.09 L7957 6549
7 57.27 8412 2407
8 65.46 D097 4153
9 73.64 L9595 .2817
10 §1.82 9898 .1423
11 90.00 1.0 0




TABLE 6.1.7-E

by
A4
n
1 2 3 4 5 6 7 8 9 10 1

1 3865 | 7.04 o | 202 o | .05764 0 |.01950 o |.009004 0
2 1395 | 1952 | 5163 o | .3083 0 |.o7300 0 |.02787 0 |03
3 o | 7611 | 1324 | 4.023 0 | .2907 o |.07723 o | .03205 0
4| 113 0 | 523 | 1017 | 3362 o | 2721 o | 07851 0 |.03473
5 0 | 7167 0 | 4072 | 8308 | 203 o | 2568 o | 07910 0
6 | 3061 0 | 5291 o338 | 7218 | 263 o | .2466 o |.08008
7 o | 2180 0 | 4234 o | 2032 | 6538 | 2431 0 | .2400 0
8 | .1253 o | 1602 0 | 3567 0 | 2628 | 6046 | 2316 o | 2307
9 o |.00493 0| .1303 0 | 3131 0| 2443 | 5732 | 2281 0
10 | .06263 o |.07639 0 {.1195 o | 2835 o | 2315 | ss57 | 2222
1 0 |.04937 0 | 06423 o | .1060 o | .2635 o | 228 | 5500

TABLE 6.1.7.F

{1 - 3.,)B..

v
n
1 2 3 4 5 6 7 8 9 10 1

1 o] 7046 o | 2048 0 [ .06003 o |.02287 o |.01405 0
2 | 1395 o | 5167 0 | 3127 0 |.07869 o |.03618 o |.02782
3 o | 7616 o | 402 0| .2084 o |.08708 o |.04910 0
4| 1120 o | 5246 0 | 3372 0 | 2850 0 |.09800 0 |.06946
5 0 | .7268 o | 4084 0 | 204 o | .278s o | 160 0
6 | .88 o | 5431 o | 3.398 0o | 2658 o | .2858 0 | .1602
7 o] .2310 0 | 4384 o | 295 o | 2450 o | 2883 0
8 | .83 o | .1028 o | 3860 0 | 2673 o | 2401 0 | 4794
9 o | 232 o | .17 o | .3628 0 | 2533 o | 2487 0
10 | 00772 o | 170 0 | 1753 o | 310 o | 2565 0 | a4m
11 o | .049037 0 |.06423 o | .1060 o [ .2635 o | 2244 0

REFERENCES

1. DeYoung, J.: Theoretical Symmetric Span Loading Due to Flap Deflection for Wings of Arbitrary Plan Form at Subsonic Speeds. NACA
Report 1071, 1952. (U)

2. Young, A. D.: The Acrodynamic Charucteristics of Flaps. British Report No. Aero 2185, February 1947, (1)
3. Ames Research Staff: Equations, Tables, and Charts for Compressible Flow. NASA Report 1135, 1953. (U)
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6.2 ASYMMETRICALLY DEFLECTED CONTROLS ON WING-BODY
AND TAIL-BODY CONTROL COMBINATIONS

6.2.1 ROLLING MOMENT DUE TO ASYMMETRIC DEFLECTION OF
CONTROL DEVICES

6.2.1.1 ROLLING MOMENT-DUE TO CONTROL DEFLECTION

Methods are presented in this section for estimating the rolling moment due to control deflection at sub-
sonic, transonic, and supersonic speeds. Plain trailing-edge flap-type controls and spoilers are included. The
fundamental means by which each of these devices changes the lift of a wing, and hence the rolling moment,
is discussed in Section 6.1.1.1.

A discussion of the aerodynamic aspects of spoilers on three-dimensional wings is given in reference 1.
This reference also contains an extensive bibliography of spoiler tests. The following discussion summarizes
the conclusions of this reference.

At subsonic and transonic speeds, spoilers do not, in general, provide linear variation of effectiveness with
spoiler projection, particularly at small deflections (see sketch (a)). This deficiency can be corrected by the
use of a slot or slot-deflector behind the spoiler.

M=0. 051
Mo 03 M =06
05 1 04 & = 10% chord
.04+ 03
03+ G
lof 02 -
-
.02 Ll
.01+
Q T T T )
0 Y Y T T 1 0 § 10 15 20 25
0 '2 ‘4 '6 '8 ‘10 o (dcg)
&g
Y (% chord)
SKETCH (a)

For thin wings at high angles of attack plain spoilers are ineffective. This ineffectiveness can be partially
overcome by the use of a slot behind the spoiler and by the use of leading-edge devices. Sketch (b) shows the
effect of a drooped leading-edge extension on the relling effectiveness of a plain and of a slotted spoiier.
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M =085
m ;= 8% chord W b

= 8% chord
04 = 7.5% chord
C, — . G
024 \
0 T 4 Or T ¢  § T 1.
0 4 8§ 12 16 20 0 4 8 12 16 20
a (deg) a (deg)
EFFECT OF DROOPED WING LEADING-EDGE EXTENSION ON SPOILER EFFECTIVENESS
SKETCH (b)

In order to achieve maximum effectiveness, spoilers should be located toward the rear portion of the wing
for the following reasons:

1. The ineffectiveness of spoilers at small deflections increases with distance from the trailing edge.
2. The lag time at low speeds becomes excessively long for forward-mounted spoilers.
The optimum spanwise extent and position of spoilers are determined primarily by wing sweep. The higher
the sweep angle, the farther inboard the spoilers should be placed. Sketch (c) shows the spoiler rolling

moment for a spoiler extending from the wing tip to any inboard station y¥; The ineffectiveness of tip-
located spoilers on swept wings is apparent.

90
60"
A OPTIMUM

d [ON—

(deg) 304 i REGIO 1,
O L)
ROOT 2 TIP

SKETCH (¢) SKETCH (d)

The optimum spanwise location of spoilers as a function of wing sweep is shown in sketch (d).
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A. SUBSONIC
Plain Trailing-Edge Flaps

A simplified lifting-surface theory is used in reference 2 to obtain the rolling-moment effectiveness C; 5 for

plain trailing-edge controls at subcritical Mach numbers. The theory is applicable to wings for which
BA = 2 and Aﬁ < 609, where Aﬁ = tan"! (tan Ac“/ﬁ). The Prandtl-Glauert compressibility correc-

tion is used to account for subcritical compressibility effects. In this section the theory of reference 2 is used
up to M = 0.6. Since the theory is based on potential flow, the results are valid for attached-flow conditions
only, i.e., wing angle of attack and surface deflection where no flow separation exists.

Two-dimensional lift-curve slopes for specific wing sections are used to adjust the wing iift distribution. It
should be noted that the design charts from reference 2 give results for two full-chord controls anti-
symmetrically deflected. Then, absolute values of the section-lift effectiveness |a5| for a specific con-
figuration are used to adjust the theory to realistic values. This results in positive vaiues of C s for anti-

symmetric control deflections. The proper sign of the rolling-moment coeificient will result from the

. L~ 8) »
expression C, = C, *—2
&

Spoilers

The method for predicting the effectiveness of plug and flap type spoilers is taken from reference 3. The
method is based on the simplified lifting-surface theory developed for flap-type controls in reference 2, used
with section spoiler data and an empirical correction for the effective spanwise location on swept wings, The
results are valid for attached flow conditions only.

A design chart based on the empirical results of reference 4 is presented for the prediction of the subsonic
rolling effectiveness of spoiler-slot-deflector controls.

DATCOM METHODS
Plain Trailing-Edge Flaps

The wing trailing-edge control derivative Cl 5 at subcritical Mach numbers, based on the total wing area and

wing span, is obtained from the procedure outlined in the following steps:

Step 1.  Obtain the rolling-moment effectiveness parameter BC) 5/:: of two full-chord controls

(cf/c = 1.0) antisymmetrically deflected, as a function of fA/x and Aﬂ’ from figure
6.2.1.1-23,

The parameter k is the ratio of the two-dimensional lift-curve slope at the appropriate
Mach number to2x/8 ,ie., (CQH)HI(ZwIﬂ).The two-dimensional lift-curve slope is obtained

from Section 4.1.1.2, For wings with airfoil sections varying in a reasonably linear manner
with span, the lift-curve slope of the section at the MAC of the flapped portion of the
wing is adequate.

The parameter Ag is the compressible sweep parameter, givenas Ag = tan’! (tan AcfalB)-

*The usus! convention is implied. Positive rolfing mornent is right wing down. Positive control deflection is trailing sdge down.
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Figure 6.2.1.1-22 gives directly the effe:tiveness parameter for control spans measured
from the plane of symmetry outboard. For partial-span controls having the inboard edge
of the control at spanwise station 7, and the outboard edge at 7, the effectiveness
parameter is obtained as illustrated in sketch (e).

T ....—.-...-_..
F
B Is

’
p CI 5 '(T partial-sprn
—_— full<hord

K control

SKETCH (e)

Step 2. Determine the rolling effectiveness of two full-chord controls antisymmetrically deflected by

c "(ﬁC}a) 6.2.1.1
16 -ﬁ X« Wl 1-a

Step 3.  Determine the rolling effectiveness of the partia!-chord controls (c d¢ % 1.0) of constant-
percent-chord (c,/c = constant) antisymmetrically deflected by

15 = 61l 6.2.1.1-b

where ('} 5 is obtained from equativn 4.2.1.1-a and jag| is the absolute value of the section

lift effectiveness. ag is obtained from Section 6.1.1.1 for the particular control under con-
sideration, For antisymmetric control dellections the value of oy is based on the deflection
of one surface.

The effect of a differential control deflection is taken into account by considering C‘I 5 of each control as

one-half the antisymmetric value (equation 6.2.1.1-b) where |oc5 | is considered separately for each control
and based on its respective deflection. Then, the total 10lling-moment coefficient for differential-control

deflection is obtained by
C, ¢,
5 6
“ =<2) 5“(’) i
L =~ /R

6.2.1.1-4



For arbitrary spanwise distribution of control chord (constant-chord controls on tapered wings or tapered
controls on untapered wings), the control is divided into spanwise steps, and the total C Ig value is found

by summing the C, 5 values due to each spanwise step, based on the average l“&l values over that span-
wise step,

It should be noted that in applying this method the control deflection angles and all dimensions are
measured in planes parallel and perpendicular to the plane of symmetry.

The relationship between streamwise control deflection &, control deflection measured normal to the
control hinge line & Ly 2 and sweep of the flap hinge line Ay is

tand = cos AHL tan GLHL

The relationship betweena C I value defined for a streamwise deflection and the corresponding value
defined noormal to the hinge line is

¢, = C’B cos AHL

i

Sample problem 1 on page 6.2.1.1-7 iliustrates the use of this method.

&

There are not enough experimental data available to substantiate this method. However, for configurations
within the limitations of the method it is expected that the accuracy of the calculated results will be within
+10 percent. ‘

Spoilers
Plug or Flap-Type Spoilers

The rolling-moment coefficient of a plug or a flap-type spoiler deflected on one wing panel only, based on
the total wing area and wing span, is given by

C'
Iy ,
Cl=-—2-Aa, 6.2.1.1<

where

C is the rolling-moment effectiveness of two full-chord controls antisymmetrically deflected,
obtained as outlined in the above method for plain-trailing-edge controls, but with effective
locations of the inboard and outboard ends of the control used in place of their geometric
locations in reading figure 6.2,1.1-23.

Ao is the spoiler lift effectiveness expressed in terms of the change in zero-lift angle of attack.
This parameter is presented as a function of effective spoiler height for four spoiler chord-
wise locations in figure 6.1.1.1-52. In using this figure, x, is the distance from the nose of
the airfoil to the spoiler lip, and h_ is the height of the spoiler measured from and normal
to the airfoil mean line at x , (see sketch (f}).

r—— xg ——=
SKETCH (f)
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The effective locations of the inboard and outboard ends of the spoiler, used in reading figure 6.2.1.1-23,
are given by

nieff ™ ¥ Ani

6.2.1.1.-d

UR N, T 4n,

eff

where n, and n are the spanwise locations of the inboard and outboard ends of the spoiler, respectively,
and An; and An_ are effective increments in the spoiler spanwise locations due to the spanwise flow of the
spoiler wake for partial-span spoilers. These increments in spoiler spanwise locations are given by

X
4("5‘ cosAmsinB\
An, =m[1~(1-7\)nil m)
‘. ) 6.2.1.1¢
4 I‘T coS Ay sin 6
an, = m[l -{1-Mn,] vT— )

where 8 is an empirically determined angle obtained from figure 6.2.1.1-26a as a function of the spoiler
sweepback, The spoiler sweepback is determined from the expression

!

tfors (- 3] =y

tan A, = tan A, - A 1+ X\

In using this method, if n, exceeds 1,0, which would be the case for the spoiter extending almost to the
eff
wing tip on a highly swept wing, the value of C', s at n, = L.0isused.

The effective spanwise extent of an arbitrarily located spoiler as used in this method is illustrated in sketch

(g).

b c-x]) 6 SKETCH (g)

6.2,1.1-6



Sample problem 2 on page 6.2.1.1-9 illustrates the use of this method,

Comparisons of test data with results calculated by using this method are presented as table 6.2.1.1-A. Addi-

~ tional comparisons between test and calculated values are given in reference 3.

Only spoilers of constant-percent-chord height (h/c = constant) were included in the analysis of reference
3; however, it is implied therein that the method should give acceptable results for arbitrary spanwise distri-
bution of spoiler control chord.

Spoiler-Slot-Deflector

The rolling-moment coefficient of a spoiler-slot-deflector on one wing panel, based on the total wing area
and wing span, is given by

| = K(C}) 6.2.1.1-f
spoiler-stot-deflector plain spoiler
where
(C l) . is the rolling-moment coefficient of a plain flap-type spoiler deflected on one wing
plain panel, based on the total wing area and wing span, determined by using equation
spoller  §.2.1.1-c.
K is the ratio of the rolling-moment coefficient of a spoiler-slot-deflector to that of a

plain spoiler, obtained from figure 6.2.1.1-260, as a function of the ratio of spoiler
deflection to deflector deflection 8,/5 . The spoiler and deflector deflections are
illustrated in figure 6.2.1.1-26b. Note t‘ixe difference between the spoiler-height
measurement h, used in determining C) of the plain spoiler and the 6, and 5,
measurements for the spoiler-siot-deflector control.
Figure 6.2.1.1-26b is based on the empirical results of reference 4. The wing planform of the test con-
figuration is a straight-tapered wing with A =40, A = 06, A_ 4 = 32.6°, and with an NACA
65006 aitfoil section in the streamwise direction, The method has not been verified by comparison with
other test results. Nevertheless, the method is expected to give acceptable results over the linear-lift range
for configurations with SA = 2 and Aﬂ < 609, and at Mach numbers up to 0.6.
The use of this method is illustrated in sample problem 3 on page 6.2.1 J-12.
Sample Problems
1, Plain Trailing-Edge-Flap Ailerons
Given: The following wing-aileron configuration:
Wing Characteristics:

Ay = 3.78 Ay = 0.586 AGM = 47.35°
NACA 65009 airfoil (streamwise) tan ¢fml2 = 0.0776 (streamwise airfoil section geometry)

Aileron Characteristics:

Plain trailing-edge flap  ¢/c = 0.30 n =075 n, = 0.95
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5, = 15° 8g = -15°

Additional Characteristics:

M= 0.40; 8= 05917 Ry = 9x10°
Compute:
C'la
i’
o
e = 0.893 (figure 4.1.1.2-8a)
( Q(:u:)theorg.'
(cQ ) = 6.58 perrad  (figure 4.1.1.2-8b)
&/ theory
c
1.05 Ecx
¢ = — | ——}/c equation 4.1.1.2-a
( Q‘X)M ﬂ (CQ ) ( Qa)theory ( qafiatio )
@} theory

1.05
= ——— (0.893)(6.58) = 6.73 per rad

T 0.917
¢

_ ( EG)M _ 673 0.9
K Ilp 28 981
BA (0.917) (3.78)

= = 3.53
K 0.981

“tan A
c/4 1.0856

Ag = tan’! —— = -1( : ):
8 P tan 0917 49.8

Al D
= 0.320 perrad
K /n,=075

» r
( 6) = 0.420 per rad
n J

(figures 6.2.1.1-23a through -23c, interpolated)

ﬁc} ﬁC'I
o =—'1K—6) . (———5) ] (equation 6.2.1.1-a)
§ f K n K n

4]

g:—:% [0.420 —0.320] = 0.107 per rad
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Section lift effectiveness ag (Section 6.1.1.1)

(CQ ) = 4.35 perrad (figure 6.1.1.1-392)
5 /theory

c

5
:—————— = 0,840 (figure 6.1.1.1-3%b)
( Q4'.'3) theory
K' = 0.98 (figure 6.1.1.1-40)

CQB

Acg = Bl 1 (c K' (equation 6.1.1.1-¢)

? 25

(cg B)meory ( )theory
15.0
= -57'5 (0.840) (4.35) (0.98) = 0.937

(%),

= - i 1.1,1-
oy (cQ_ ) (equation 6.1.1.1-b)
«ls
Acg 937
- . _ 093D _ 532
AL
5 77573
Solution:
Cl& = C'ls |ag| (equation 6.2.1.1-b)

(0.107)(0.532) = 0.0569 per rad

- The rolling-moment coefficient is given by

C’) (C’)
& [
— 1 8 -\—/]) &
(21. L 2]1 R

0.056% |15 _(~15)) = 0.0149 (based
%57.3) . - ( on Sy by)

G

2. Spoiler

Given: The wing-body configuration of reference 4 with a partial-span constant-chord spoiler hinged at the
55-percent-chord line.

Wing Characteristics:
Ay =40 Ay = 0.60 Sy = 324.0sqin. by = 36.0in.
Ay = 32.6° Apg = 24.3° NACA 65006 airfoil (streamwise)
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Spoiler Characteristics:

Yo ¢
= 0.139 M =g = 0639 —= 0150

i
T)i"m

Spoiler projection § , measured from the airfoil surface at 0.70c, and corresponding spoiler
chordwise location

8 |
— = 0.100 )V_r
C -1_!
—— — e ———
D——y: —
E= 0.662 = . 5*E:).';"Oc -‘r—.l
C c —-|

Additional Characteristics:
M =040;8 = 0917
Compute:

Determine C'I 5

cp = 0.105 per deg = 6.02 per rad (table 4.1.1-B)

o
Cp
6.02
c = -2 .
( Q“)M 3 0917 6.56 per rad
(%)
(]
« = Mo 6.56 - 0.958
27/8 2n/8
tan A
_ q o eld .4 0.6393 _ o
AB tan 3 tan 0.017 349
BA 0.917 (4.0)
—_— = ————~ = 385
X 0.958
Determine nieﬁ and n Out
410.75-11-—
_ c (l-l
tanA’ —-tanAc“- Y T

4 0.40
R -=— [0.75-(] - 0.662)] ——
0.6395 70 (0.75 - ( 21 1760
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= 0.6395 - (0.412) (0.25) = 0.5365 °
A, = tan'l 05365 = 28.20
8 = 2839 (figure 6.2.1.1-26a)
cos Ay sinb 09114 (0.4741)
= = 0.7114

cos(Ag +8)  0.6074

r

X
4(1":') 4(1-0.662)
= : = 0,211

o
:\_/
I

A(L+2)  4.0(1.60)

[1-(1-N)n) = [1-(1-0.6) (0.139)] = 0.944
[1-(1-2)n,) = 1-(1 -0.6) (0.639)] = 0,744
= “
4l1-— .
c cos A sin 0
Ap, =————[1-(1-2 ———
O TS VRS A Ly vy
= (0.211) (0.944) (0.7114) = 0.142 (equation 6.2.1.1-¢)
X
411- s cos App sin 8
A = e [1-(1-A _—
o T Aaen UM R T
= (0.211) (0.744) (0.7114) = 0.112 y,
ni“ =n +tAn = 0.139+0.142 = 0.281
[ J
(equation 6.2.1.1-d)
1, . =q, tAn = 0.639+0.112 = 0.751
-
-
5
——-) = 0.061 per rad
q‘eff
- (figures 6.2.1,1-23a through -23¢, interpolated)

= {(,350 per rad
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K ﬁC} 5 BC" o
Cyo==f\— - (equation 6.2.1.1-2)
6 B\ «k 1 K )

Ocff lefr

- 0958 [0.350-0.061] = 0.302 perrad

0.917

Determine Acx'S

The upper-surface ordinate of the NACA 635006 airfoil section at 0.70¢ is 0.0194¢. (see reference 5)

h 5
2400194 = 0.100+0.0194 = 0.1194
C

1

Ac; = 0134  (figure 6.1.1.1-52at x/c, h fc)
Solution:
s
Cl = — Ao (equation 6.2.1.1-¢)
2 s
0.302
=\— ) 0139

It

0.0202 (based on waw )(Spoiler deflected on one wing panel)

This result compares with a test value of 0.0215 from reference 4.
3.  Spoiler-Slot-Deflector

Given: The wing-body configuration of reference 4 with a partial-span constant-chord spoiler-slot-deflector
on one wing panel. This is the configuration of sample problem 2 with the addition of a slot opening
between the 55- and 70-percent-chord lines extending from n, = 0.139 to o, = 0.639, anda
0.15¢ deflector hinged at the 0.70 chord line.

)
5
r———0.55¢——e] Sy = 324.0sqin.
—== — == |
55 . - 3 0.70¢ -
- = 0.100 n, = 0.139 n, = 0.639
(Cp) = 0.0202 (sample problem 2)

plain spoiler

tsd
= 0.025, 0.050, 0.075, 0.100

c
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Solution:

«)
spoiler-slot-deflector

K(Cy) (equation 6.2.1.1-N
plain spoiler

(0.0202) K (based on Sy, by, )

® ©) ® O) ® O}

578 <y tc,)

. 5. Bd 'I y ‘ spollsr-dot-deflector spoller-slot-deflecior
- 3 OMORL I IRE 10202 (3) (Test)
0,100 0.026 4,00 1.36 0.0273 0,0290
0.100 0,050 2,00 1.70 0.0343 0.0360
0.100 0,075 1.33 1.67 0.0317 0.0350
0.100 0,100 1.00 134 0.0271 00300

B. TRANSONIC

No accurate method is available for predicting C 15 at transonic speeds. Mixed flow conditions and inter-

related shock-wave and boundary-layer-separation effects cause extreme nonlinearities in this parameter.
The discussion of paragraph B of Section 4.1.3.2 gives some insight into these effects for plain wings.

The method presented here is intended to give a first-order approximation only and to provide a guide
to aid in fairing between subcritical and supersonic speeds.

Published experimental data in the transonic speed range are available for only a specific flap-type control
tested on a wing-planform series in which only the wing sweep was varied (references 6 through 9).

DATCOM METHOD
No specific charts are presented for determining the transonic rolling effectiveness of lateral-control devices.
The best source of information of this type is experimental data on similar configurations. If such informa-

tion is not available, the following approach may be used as a guide in fairing between subcritical and super-
sonic speeds.

A first-order approximation of the transonic rolling effectiveness of lateral-control devices is given by

(6o
Ci=(Cp .

‘M= 0.6 (CLQ)H-cM 6.2.1.'-3

where

(CI) is the rolling effectiveness of the control at M = 0.6, obtained by using the appropriate

M=05 method of paragraph A of this section.
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(CLQ) is the transonic wing-lift-curve slope, obtained from paragraph B of Section 4.1.3.2,
(CL ) is the wing-lift-curve stope at M = 0.6, obtained by using the straight-tapered wing
o) y=06 method of paragraph A of Section 4.1.3.2 (figure 4.1.3,2-41).
C. SUPERSONIC
Plain Trailing-Edge Flaps

Supersonic linear theory is used in reference 10 to derive conical-flow solutions for the rolling effectiveness
of wing trailing-edge flap-type control surfaces. The theory is based on the following assumptions (see sketch

(h)):

SKETCH (h)

1. The leading (hinge line) and trailing edges of the control surface are supersonic (swept ahead of
the Mach lines).

2. The control surfaces are located at the wing tip or are far enough inboard to prevent the outer-
most Mach lines from the control surface from crossing the wing tip.

3.  The innermost Mach lines from the detlected control surface do not cross the root chord.
4. The root and tip chords of the control surfaces are streamwise.

5. Controls are not influenced by the tip conicid flow from the opposite wing panel or by the inter-
action of the wing-root Mach cone with the wing tip.

An approximate correction is given in reference 10 to account for the effect of airfoil thickness in the case
of slab-sided controls.

Spoiiers

The method presented for determining the supersonic rolling moment due to spoilers is taken from
reference 11. The derivation is based on an analysis, presented in reference 12, of the pressure distributions
adjacent to the spoiler. Although data on spoiler rolling characteristics at supersonic speeds are limited,

the method appears satisfactory for both plug and flap-type spoilers within the Mach number range of the
available data (M = 1.6 to 3.0).

6.2.1.1-14



No method is presented for determining the supersonic rolling moment due to spoiler-slot-deflectors.

Published test data on spoiler-slot-deflector characteristics at supersonic speeds are extremely limited.

References 13 and 14 present test data on spoiler-slot-deflector controls at supersonic speeds.
DATCOM METHODS

Plain Trailing-Edge Flaps

The supersonic rolling effectiveness of plain trailing-edge flap-type controls is given by

Cf
C‘lczcb 'Srlyi+bf o 6.2.1.1-h
- "o YEfrLs S 2k et . AR
18 C 6Sy 2]by \2b, Cls
where
C f is the control-surface rolling effectiveness of one control surface deflected on one wing
(] panel, based on the total wing area and span.
C', 5 is the theoretical rolling-moment derivative based on total control area S; for thin
wings for the following cases:
(a) Tapered control surfaces with outboard edge coincident with wing tip
(use figure 6.2.1.1-27).
(b) Tapered controt surfaces with outboard edge not coincident with wing tip
(use figure 6.2.1.1 -28).
(c) Untapered control surfaces with outboard edge coincident with wing tip
(use figure 6.2,1.1-29a),
(d) Untapered control surface with outboard edge not coincident with wing tip
(use figure 6.2.1,1 -29b).
S
-S—f- is the ratio of the total control area (both sides of wing) to the total wing area.
w
b
Ff_ is the ratio of the total control span (both sides of wing) to the total wing span.
w .
% 1s the distance from the wing root chord to the control root chord in wing spans.
w

( C, ) is a thickness correction factor to the supersonic flat-plate derivative.
1
TE

2 .
Cl = _\/ﬁ—!-_l (per radian)
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) (Y+ DM -4 (M2-))

C, 5 (per radian)
2(M%2-1)
GTE is the trailing-edge angle in radians, measured normal to the controi
hinge line.
v is the ratio of specific heats, v = 1.4,
C is the lift-effectiveness of one symmetric, straight-sided control, based on the area of the

control. This parameter is obtained from figures 6.1.4.1-20a through 6.1.4.1-20; for
controis located at the wing tip, and from figure 6.1.4.1-25 for controls located inboard
from the wing tip.

It should be noted that in applying this method the control deflection angle and all dimensions (with the
exception of "¢y ) are measured in planes parallel and perpendicular te the plane of symmetry.

The limitations of this method are noted in the introduction to paragraph C. A comparison of test values
with results calculated by this method is presented as table 6.2.1.1-B.

Sample problem 1 at the conclusion of this paragraph illustrates the use of the method.
Spoilers

Plug and Flap-Type Spoilers
The supersonic rolling-moment coefficient of a plug or a flap-type spoiler deflected on one panel, based on
the total wing area and span, is obtained from figure 6.2.1.1-30 as a function of Mach number and configu-
ration geometry.
A comparison of test values with results calculated by using this method is presented as table 6.2.1.1-C.
Sample probiem 2 at the conclusion of this paragraph illustrates the use of the method.

Sample Problems

1. Plain Trailing-Edge-Flap Ailerons

Given: The wing-body-tail configuration of reference 18, with plain trailing-edge ailerons.

Wing Characteristics:

!‘ Sw = 166.8sqin. by = 25.86in.
b¢
2 A, = 050 A, =40
b - =
_zw A, = 40° A = 30.5°
Ay = 42.1°
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Control Characteristics:

Symmetric, straight-sided outboard control Ay = 33.26° A;= 0.666
b,= 12.93 in. (both sides of wing) S; = 13.89sqin. (both sides of wing)
% = 0.25 ¢ = 6° cfe = 0.20

v - TE ~ | A

by

Additional Characteristics:

M= 1.61; B= 1.262; M2- 1= 1,592

Compute:

C, = e = - 0.792 d

L M., 1262 | oeperm
(Y+DM* - 4(M2- 1) (2.40)(1.61)}* - 4(1.592

¢, = " n = ) ¢ ) = 1,925 per rad

2M2- 1) 2(1.592)2
tan Ay 0.6558 0.520- tan A 05891 0.467
8 1.262 g 1262

BC' 5 0.0745 per deg (figures 6.1.4.1-20g through -20j, interpolated)

0
"

0.0590 per deg

w0
a
i

0.0370 per deg (figure 6.2.1.1-27)

C} 5 0.0293 per deg

Solution:
c
C S . b
c, = [1--=¢_)C' — 1% + [— s (equation 6.2.1.1-h)
18 c, T/ L5 s, 2{b, \2b, CLg
1925/ 6 13.89 1)[ 6.465(0.0293)]
= [1- —=(—=1}{0. — (=}]0.25 + —(——
[' 0.792 (57.3)](0 0590) Tess (2 0 25.86\0.0590

0.000686 per deg (based on Sy by, ) (one control surface deflected on one wing panel)

This compares with a test value of 0.00056 per degree from reference 18.
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2. Plug and Flap-Type Spoilers

Given: The wing-body-tail configuration of reference 18, equipped with plug and flap-type spoilers.

Wing Characteristics:

- = = 40°
Ay = 4.0 Ay 0.500 Ac/4 40
Spoiler Characteristics:
. y Chordwise )
' ._o- Location _s
Case Type bwl2 bwl2 %e ¢
1 Plug 0.15 0.95 0.55 0.05
2 Flap 0.15 0.95 0.65 0.08
3 Plug 0.15 0,95 0.65 0.02
4 Plug 0.15 0.55 0.65 0.05
5 Plug 0.15 0.55 0.65 0.02
Additional Characteristics:
M= 1.61
Compute:
{cy)
v +y, bs ﬂl calc lcr.l'tm
2 igure
Case byy/2 by/2 £.2.1.1-30 @aso°
1 1.10 0.80 0.0070 0.0085
2 1.10 0.80 0.0070 0.0080
3 1.10 0.80 0.0030 0.0017
4 0.70 0.40 0.0030 0.0045
5 0.7Q 0,40 0.0016 0.0006
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TABLE 6.2.1.1-A
SUBSONIC ROLLING-MOMENT EFFECTIVENESS OF PLUG

AND FLAP-TYPE SPOILERS

6.2.1.1-20

DATA SUMMARY
Airfoil A | & b * 9! s’h b c; c; | Ac
Ref. Section A A | toeg) 3 c © Efi ™ Csic Test  |Calc-Test
15 | NACAGSA006| 2.00 | 040 | 408 | 0.10 0.1174 | 0.70 0.6 0.60 0.45 | 0.12 | 0.0148 | 00186 | -0.0007
0.80 0.8 0.0208 | 0.0215 | -0.0007
100 | 085 0.0226 | 0.0261 | -0.0036
0.6 0.1674 015 | 060 0.45 0.0192 | .09 | 0.0027
0.80 068 0.0269 | 0,0300 | -0.0031
1.00 0.8% 0.0201 | 0.0344 | -0.0063
0.0 01174 o060 | 016 | 060 | 045 00139 | 0.0112 | 0.0027
0.0 0.1174 | 080 0156 0.80 0.45 0.0152 | 0.0190 | -0.0008
NACAQD12-64 | 478 | 051 | 360 (010 | 0.1366 | 0.70 0.10 0.60 050 } 0.3 | 00287 | 0.0300 } -0.0013
l l l l 1 040 | 080 | 0s0 l 0.0231 | 00267 | -0.002¢
16 | NACAB5A006 | 40 | o060 | 328 ! 036 0.1694 | 0.70 0129 | 0638 | 050 | 0.40 | 0,028 | 0.0322 | -0.004
060 | 0.0290 | 0.0350 | -0.0060
0.80 | 0.0298 | 0.0341 | -0.0043
4 | nacassago6 | 40 | 060 | 328 | 006 00694 | 0692 | 0129 | 0639 | 050 | 040 | 00112 | 00100 | 0.002
0075 | 0.0844 | 0.681 00188 | 0.0160 | 0.0008
0.10 0.1194 | 0.662 0.0220 | 0.0215 | 0.0005
17 | NACABAADI0 | 413 [1.001 O 0.02 0.0483 | 0.07 0376 | 0976 | 0e0 {026 | 0.0077 | 0.0085 | -0.0008
l j l 1 l 0.06 | 00883 l 1 l 0.0233 | 0.0270 | -0.0037
Zjae|
Avetage Error = ———— = 0,0027




TABLE 6.2.1.1-8

SUPERSONIC ROLLING EFFECTIVENESS OF PLAIN TRAILING-
EDGE-FLAP AILERONS

DATA SUMMARY
clﬁ C’ ’ Ac’d
S I S . 12-15 o ‘% !s,,l - w | | e | o
18 | coes 3326 05 | 60 | 0s0 | 0oem | oz 161 | 0000836 | 0000860 | 0.000128
z | 1o ) o | 762 | os3 | oores | o.0es 196 | 0000242 | 0000223 | 0.000019
l | l l | l l 141 | 000060t | 0000313 | o0.000088
‘. | 100 0 o [ 92 | o33 coews | oorre | 201 | oo001s: 0000180 | -0.00002%
2 | 100 o o | 762 | osa | oosr | oose 196 | 0000130 | 0000088 | 0.000032
1 | l I l | | i 141 | 0000216 | 0000180 | 0.000006
» | 100 0 o | 184 | 042 oo | ouso 196 | 0000312 | 0000270 | 0.000042
I l | ! I 1 ! ! 141 | 0000818 | 0000418 | 0.000100
E]AC,&I

Average Error = - = 0.000050

TABLE 6.2.1.1-C

SUPERSONIC ROLLING MOMENT DUE TO SPOILER DEFLECTION

DATA SUMMARY

Spolier
Ref. | Spoller A A lt}q“p qv“,n $2 m. % ™ 3: Tci: 2:.1.11-'

el
18| Plug 40 [ o080 | o |0 | oss 0.86 006 | 161 | oooro | ooces | -0oms
Flap | | 00070 | oooe0 | -0.0010
Piug 0.65 0.02 00030 | 000ty | 00013
0.56 0.06 00030 | 00045 | 00015
| 0.02 00016 | 00006 | 0.0011
M | Fep 380 | 03 | 460 o013 | o7 075 004 | 181 | 00040 | 00088 | -0.0008
0.08 00085 | 00100 | -0.0034
0.078 00087 | 00118 | -00m8
0.04 201 0.0040 0.0030 0.0010
0.08 00056 | ooos2 | o.0002
| oo 00000 | 00088 | .0.0006
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TABLE 6.2,1.1-C (CONTD)

Spoller
Ad‘ v_l Yo T::::l::: 6. C’ Cl ACI
Net. | Bpolier A X toeg) | byf2 | Byl2 {%c) < ™ Calc Tent Cale-Tost
1; Plup ) -:-!.m 0.826 5.3 0.20 0.96 0.76 0.06 1.00 0.0067 0.0076 -0.0008
l 0.02 0.0019. 0.0030 -0.0011
045 0.06 09,0052 0.0060 -0.0008
0.02 0.0018 0.0017 0.0002
0.70 0.06 0.0024 0.0033 -0.0008
l 0.02 0.0020 0.0018 0.0002
0.45 0.70 0.06 0.0024 0.0032 -0.0008
1 l 0.02 0.0012 0.0013 0.0001
2 Flap 320 0.40 19.2 028 0.76 0.77 0.037 1.56 0.0031 0.00356 -0.0004
0.096 ‘ 0.0084 0.0078 0.0006
0.037 1.80 0.0028 0.0025 0.0003
0.085 1 0.0069 0.0053 0.0016
0.037 2.36 0.0027 0.0011 0.0016
0.095 l 0.0065 0.0037 0.0028
2t Plhg 2.80 0.625, 47.16 | 0.20 0.95 0.65 0.04 1.41 0.0075 0,0084 0.0009
0.06 l ‘00130 0.0110 0.0020
0.04 196 0.0046 0.0045 0.0001
0.06 l 0.00682 0.0076 0.0007
0.70 0.04 1.41 0.0052 0.0075 -0.0023
0.08 l 0.0062 0.0002 20,0030
0.04 1.96 0.0029 0.0036 -0.0006
0.08 l 0.0043 0.0050 -0.0007
0.45 0.04 1.41 0.0020 0.0034 -0.0014
0.06 l 0.0030 0.0060 ! -0.0030
0.04 108 | 00011 0.0020 | -0.0009
0.05 l | 0.0020 0.0040 \ 0.0020
=jac|
Average Error = - - 00012
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SUBSONIC SPEEDS
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6.2.1.2 ROLLING MOMENT DUE TO A DIFFERENTIALLY DEFLECTED
HORIZONTAL STABILIZER

A large amount of theoretical and experimental work has been directed toward the development of
efficient roll-contro!l devices. The initial studies and tests concentrated on ailerons, optimizing their
size and location to maximize the available roll-control power. However, the more recent studies
have investigated auxiliary surfaces or techniques that supplement aileron control to improve
aircraft maneuverability. Among these auxiliary devices considered is the differentially deflected
horizontal stabilizer.

Methods are presented in this section for estimating the rolling moments generated by a
differentially deflected horizontal tail, at subsonic, transonic, and supersonic speeds. These methods
are valid only for body-mounted horizontal tails (due to the empirical tail-effectiveness parameter)
and are applicable throughout the angle-of-attack range until separation is encountered on the
horizontal tail. No provisions are made to estimate the effects of flap deflections, horizontal-tail
dihedral, or the rolling-moment contribution of the vertical tail; ie., they are assumed to be
negligible. Comparisons of the estimated and experimental values indicate relatively good
correlation to moderate angles of attack (see Tables 6.2.1.2-A and -B).

Body vortices can have a strong influence on the horizontal-tail loading at high angles of attack. For
body vortices, the flow separates just above or behind the area of minimum pressure along the side
of the body near the nose and wraps up into a pair of symmetrical vortices that proceed
downstream. The point at which separation first takes place depends upon the angle of attack (the
higher the angle of attack, the nearer the nose separation occurs), the nose-profile shape (the
blunter the nose, the nearer the nose separation occurs), and body cross-sectional shape (sharply
curving lateral contours promote early separation). The vortices increase in size and strength with
increasing downstream distance. These body vortices are accounted for in the methods herein by
using the vortex interference charts found in Section 4.3.1.3. However, the effect of the wing
shock-expansion field on the body vortices is neglected in the supersonic method.

Wing vortices are of equal interest in determining the horizontal-tail loading at high angles of attack.
For closely-coupled configurations having wings and tails of nearly equal span, the wing-vortex
effects can be of particular significance. The wing-vortex effects are accounted for in the downwash
gradient parameter dg/dc calculated in Section 4.4.1. (Care should be used to select the method
best suited for the configuration.)

To familiarize the reader with the more salient aspects associated with horizontal-tail roll control, a
basic discussion is presented. The discussion is supplemented by graphical comparisons of
tail-roll-control and aileron-roll-control characteristics to illustrate similarities and differences. (Both
the discussion and the illustrations are taken from Reference 1, except where noted.)

The interest in evaluating roll control for a differentially deflected horizontal tail is, in general, due
to the inadequate roll-control power provided by conventional roll-control systems; i.e., ailerons
and/or spoilers in the transonic and supersonic speed regimes. This inadequacy is due primarily to
wing twist and shock-induced separation of the boundary layer ahead of the control surface. For a
thin flexible wing of a high-speed airplane, the deflection of conventional outboard ailerons can
produce a substantial amount of wing twist that can result in a significant reduction in roll-control
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effectiveness. The boundary-layer separation resuits in a loss of roll-control effectiveness, as well as
an increase in buffet and drag and a decrease in lift.

The most recent results of tail-roll-control investigations (Reference 2) indicate that tail roll control
is best suited as an auxiliary roll-control device, where only moderate differential deflections are
required. '

In general, three basic considerations should be kept in mind when designing a tail-roll-control
system:

{I) The tail must provide adequate effectiveness without excessive deflections (targe tail and
good effectiveness). '

(2) The longitudinal trim requirements of the tail should be minimized to avoid interaction
of roll and pitch controls.

(3) The horizontal tail should be positioned vertically to avoid excessive favorable or adverse
yawing moments.

The first item requires no discussion, as the advantages are apparent. The second item can be a
critical factor and is worthy of careful consideration. For a specific configuration, a wind-tunnel
test is required to determine the interaction effects, since no methods presently exist for estimating
this effect. Both the effects of roll control on pitching moments and the variation of roll control
with angle of attack for different stabilizer settings must be considered. It is necessary to avoid
stabilizer trim settings where the roll control might be limited or significantly reduced because of
separation on the horizontal tail as a result of high angles of attack. For example, the landing
configuration for some aircraft may produce control interaction problems. The effects of Item 3
stove are discussed in detail in Section 6.2.2.2.

Mach Number Effects

From the limited available test data (References 1 through 8), it can be concluded that the variation
of tail-roll-control effcctiveness G s With Mach number is small. Within the subsonic regime, the
effectiveness is relatively constant. In the supersonic regime, a slight increase in G is noted ata
Mach number of approximately 1.2, and then a progressive decrease in effectiveness is noted with
increasing Mach number because of the decreasing lift-curve stope of the horizontal tail.

In the subsomic regime, values for Ci; due to tail roll control are approximately one-half to
one-third of those produced by conventional aiierons at comparable speeds. In the supersonic speed
regune, values for C;;  due to tail roll control are comparable to those obtained by using ailerons.
However, since there will usually be more control deflection available for the ailerons, they will
provide more roll control, assuming no aileron reversal is encountered due to wing twist.

Angle-of-Attack Effects

For subsonic Mach numbers, the variation of Ci; with angle of attack is not large for most
configurations. However, for some configurations G s ¢©an decrease to one-half its original value at
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a = 16° to 20° (Reference 8). For aileron control at subsonic speeds, the effectiveness generally
drops off rapidly with increasing angle of attack, so that at high angles of attack the values of Cj;
can begin to approximate those for tail roll control (Reference 3). Sketch (a) presents representative
trends for both aileron and horizontal-tail deflections at four different Mach numbers as a function
of angle of attack. (These results were obtained on wind-tunnel models with essentially rigid wings.)
In contrast to the subsonic speed regime, at M = 1.61 the aileron effectiveness increases with
angle of attack while the tail roll control decreases with angle of attack.

HORIZONTAL TAIL

——— — AILERONS
M =0.19 M=0.80 M=1.0 M= 161
. B -"\ [ ————
0010 - '—“‘"'\.\ - ~ p p
G . N
g ~ -~
.0005 - - N )
— . T
0 T Y Y 1 T 1 Y 1
0 10 20 0 10 20 0 10 20 0 10 20
a (deg) a (deg) a (deg) o (deg)
SKETCH (a)
Flap Effects

The effects of flaps on the tail roll control are shown in Sketch (b) for two different configurations.
Both configurations show a dettrimental effect of flaps at low lift coefficients. However, as the lift
coefficient is increased, the tail roll control increases to equal or exceed the flap-retracted value of
Ci, - Insufficient data exist to determine if this trend is consistent for all configurations.

v &

FLAP RETRACTED FLAP RETRACTED
- ——_FLAP EXTENDED ----- FLAP EXTENDED
N

-~

SKETCH (b)
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Dihadral Effects

Reference 6 presents the results of a systematic variation of dihedral angle from 0 to —30° on the
lateral-control effectiveness and the stabilizer characteristics for tail roll control at subsonic speeds.
The results of the investigation show a small variation in the roll effectiveness Ci; with negative
tail-dihedral angle. These small variations did not form a set pattern, but rather were dependent
upon the initial stabilizer angie prior to differential deflection.

Aseroelastic Effects

The effects of wing flexibility are analyzed in the literature (References 1 and 4) through an overall
rolling effectiveness parameter (pb/2V)/§, which can be expressed as C,S/C;p. Thus, for a
flexible-wing airplane in comparison to a rigid-wing airplane, greater tolling effectiveness will be
realized for the flexible-wing aircraft because of the reduction in the wing contribution to roll
damping C,p. Sketch (c) presents a comparison of data for a stiff and a flexible wing for both tail
roll control and aileron roll control as a function of Mach number. These data illustrate the
wing-twist problem encountered for thin flexible wings employing ailerons at supersonic speeds. In
contrast, the horizontal-tail roll control shows no adverse effects, but rather an increase for the
flexible wing. Thus one can conclude that for certain cases, i.e., a thin flexible-wing configuration at
supersonic speeds, the tail-roll-control contribution may be superior to that of conventional
ailerons.

HORIZONTAL TAIL AILERONS

— RIGID WING — RIGID WING
~ -~~~ FLEXIBLE WING -~~~ FLEXIBLE WING

004 - 004

PEJE! 002 ~-"" 002

SKETCH (c)
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A SUBSONIC
DATCOM METHOD

The following method is a modification of the method found in Reference !, with the additional
terms accounting for the effects of downwash, body vortices, and tail effectiveness. At angles of
attack less than six degrees the body vortex interference factor ivB(H) can be neglected. The
roll-control effectiveness of a body-mounted differentially deflected horizontal stabilizer, based on

Swbw, is given by
S

o =L TAw 3\ r r q_Hy“HeC L
‘s 2 57.3 3} "BaO\ 270Vr by /2 T q | by Sy ( LaH)e e
e

The proper sign of the rolling-moment coefficient will result from the expression
o =C?5 (6,_ — 385 ). The subscript ¢ refers to the exposed surface (see Section 4.3.1.2 for a
definition of exposed surfaces), and

Ay is the aspect ratio of the total wing.
0F_ is the average rate of change of downwash with respect to angle of attack at the
da horizontal tail, obtained from Section 4.4.1. Care should be exercised to select

the method of Section 4.4.1 best suited for the aircraft configuration.

is the vortex interference factor for a lifting surface mounted on the body
center line. This parameter is given in Figures 4.3.1.3-7a through 72 for various
exposed-tail taper ratios, relative exposed-tail sizes, and vortex center-line
positions. '

Ypm)

z
The vertical and lateral vortex positions required to obtain i, o (Hy are T° and

y . . . . .
To , respectively. At any given station x, they may be obtained from Figures

4.3.1.3-13b and 4.3.1.3-14, respectively, as functions of the parameter
a(x — X,)

r

where

« is the angle of attack in radians,

x  is the distance from the body nose to the quarter-chord point of the
MAC of the exposed horizontal tail for subsonic flow. (However, for
supersonic flow x is measured to the midchord point of the MAC
of the exposed horizontal tail.)

r is the average body radius in the region of the horizontal tail. For
noncircular bodies use the average body depth in the region of the
horizontal tail.

*It should be noted thet the definition of G, based on the total differential deflection (consistent with the literature) does not agree
with C;, in other sactions.
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X
3 . - . .l .
- s .the nondimensional position of vortex separation, from

Figure 4.3.1.3-13a.

It should be noted that Figures 4.3.}.3-7a through -7¢ give the vortex
interference factors for a lifting surface mounted on the body center line. If the
lifting surface is not mounted on the body center line, the vertical distance of
the body vortices from the body center line, obtained from Figure 4.3. 1.3-13b,
must be corrected to their distance from the tail before obtaining i,,B(H ) This
is illustrated in the sample problem following the subsonic method.

In using Figures 4.3.1.3-7a through 7€ a possible problem can develop when
r
interpolation must be made with respect to A and by /2 - For positions of

I
the vortex near the body, the interpolation in bw_/Z can cairy the vortex

inside the body. Under these circumstances, it is recommended that the

. Yo =T
interpolation be made using b—;ilﬁ for the vortex lateral position in

Yo
place of bw‘ - 12 to avoid vortex positions inside the body.

For noncylindrical bodies, caution must be exercised in using the curves in
Section 4.3.1.3 as they are based entirely on cylindrical body shapes.

is the nondimensional vortex strength from Figure 4.3.1.3-15.

is the ratio of the average radius of the body (or average fuselage depth for
noncircular bodies) in the region of the tail to the semispan of the exposed tail.

is the tail-effectiveness factor for configurations with body-mounted horizontal
tails, obtained from Figure 6 2.1.2-22 (from Reference 9).

is the total wing span.

s the ratio of the area of the exposed horizontal tail to the total wing area.

is the lateral c.p. coordinate of the horizontal tail, measured from and normal
to the longitudinal axis. This parameter is given by

- bHC
yH = nc.p. 3 +r 62]2'b



Tep is the spanwise location of the c.p. of the exposed horizontal tail
{based on the exposed aspect ratio, sweep, and exposed taper ratio),
obtained from Figure 6.2.1.2-23 (from Reference 10).

b“e is the semispan of the exposed horizontal tail.
2
r is the body radius in the region of the horizontal tail. For noncircular
bodies use the average body depth in the region of the horizontal
tail.
(CL ) is the lift-curve slope of the exposed horizontal stabilizer, obtained from
[s
Hie Section 4.1.3.2. Care should be exercised to use the appropriate method in

determining this parameter because of its significant influence.

The total angular deflection of the control surfaces 8 is measured in a plane parallel to the plane of
symmetry, and is positive for the left control surface deflected trailing edge down and the right
control surface deflected trailing edge up.

Sample Problem

,//,4

<

x 1

Given: The configuration of Reference 3

N
Wing Characteristics:
Sy = 666.7sq in. by, = 47.56 in. A, = 3.39
Ay = 0.247 Ay = 42° Root Section NACA 65-006

Tip Section NACA 65-005
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Horizontal-Tail Characteristics:

Sy, = 1024 sq in. by = 18.241n. by = 24.11 in.
Ap, = 3.25 Ay = 3.50 Ay, = 0.187
Ay = 0.148 Ay = 45° Ayy = 38.2°
h, = -3.0in. ¢, = 18.25in.

Additional Characteristics:

[=
|

Low speed: 8= 1.0 w = 5.87in. x = 66.0in.

r= 2.935in. z' = 0.49in.
Compute:

Calculate (CL ) from Section 4.1.3.2
“H
e

Ce = 0.105 perdeg (Table 4.1.1-B, for 65-006)

(“aly % s730.105)

= = = (0.9576
2n/8 2#7/8 27
H, 1/2 3.25 1/2 -
— 182 + tan? A J = 1.0 + (0.788)? = 4,32
K lﬁ tan”Aep 0.9576 (0.788)

= 0.935 perrad (Figure 4.1.3.2-49)

3.039 per rad

——
[}
e

3

=]
——

o
1l

0.0530 per deg

d_H 5.87
by 24.11

9y
n(_q_> = 0.789 (Figure 6.2.1.2-22)
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Calculate y,
tan A

(Ag). = tan~! ) - an-t =) = 450
'y n 8 \1

BAy, _ (1)(3.25)
X 0.9576

= 3394

n,, = 0429 (Figure6.2.1.2-23)

bH
Vg = ch_p_(Te)'Fr (Equation 6.2.1.2-b)

18.24

(0.429) ( )+ 2.935 = 6.85

Yu s, 685 1024 0.0221

bySy  47.56 666.7

Calculate g% from Section 4.4.1. (Method 2 is used because this configuration is similar to

other configurations used in the substantiation of the method presented in Table 4.4.1-B.)
¥ ] Jr2]1.19 :
a_a = 4,44 IKA K, Ky (cosAgy) (Equation 4.4.1-h)

K, = 0.183 (Figure 4.4.1-69a)

K, = 1.324 (Figure 4.4.1-69b)

2y 2018.25)

= ———— = (0.767
47.56
Do 230 0.126
b 47.56 ’
Ky = 1.16 . (Figure 4.4.1-70, extrapolated)
€ L19
F = 4.44 [(0.183) (1.324) (1.16) (0.862}]

4.44 [0.24231119 = 444 {0.1851}

0.822

I

6.2.1.2-9



Calculate the body vortex interference factors from Section 4.3.1.3

(x_xs _a 660 X\
i 57.3 \2.935 r

® @

X—-X
“ X 5705 ( r s) Yol” %off zo/" 2n:w bHyO.Q
(deg) | {Fig. 4.3.1.3-13a) Fig. 4.3.1.3-14) | (Fig. 4.3.1.3130) | (corrected)* | {Fig. 4.3.1.3.15) [ (a) 10322
0 — — — —_ — - —
4 _ - _ - - - _
8 16.9 0.782 0.600 113 1.297 055 0.193
12 11.25 2.356 0.705 1.62 1.787 0.895 0.227
16 8.55 3.895 0.747 190 2.067 1215 0.241
20 70 5.410 0.762 2075 2.242 158 0.245
O ® ® @
%o . r r
« by /2 Va(H) g (n) (2-rraVr)( by, /2 )
(deg) (® 0.322) {Fig. 4.3.1.3-7a-0) @9 (@) 0322
o — - -
4 - _ _
8 0.418 -0.190 -0.03365
12 0.575 ~0.300 008646
18 0.666 ~0.296 ~0.1158
20 0.722 ~0.297 —0.1511

*The vertical location of the body vortex must be adjusted to account for the true location of the horizontal tail (Figures 4.3.1.3-7a
through -72 assume the horizontal tail is mounted on the body center line). Since the horizontal tail is located below the body

z
center line, the vertical distance of the vortex is increased; n.e.,(—o

horizontal tail below the center line.

6.2.1.2-10
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Solution:

1 TAy 9\ r r
Gy =< {1 -3 )+
2 57.3 da B(H) \27aVr bHe/Z

qH yl‘l SHe
n|l— C
q / by Sy ( L"'H)e
(Equation 6.2.1.2-a)

1 7(3.39) . I r
5 Bl TR (0.822)E + Y (21raVr) (bﬂelz)jl (0.789) (0.0221) (0.0530)

1]

r r
_ +0. '
0.000391 + 0.000462 [1\'5(3) (21raVT) (bHe/2 )]

r r

“ g (H) (E?JG?) (bH 2 ) Cg
{deg) & {per deg)
0 - 0.000391
4 - 0.000391
8 —0.03365 0.000375
12 ~0.08646 0000351
16 —0.1158 0.000338
20 —0.1511 0.000321

The calculated results are compared with test values from Reference 3 in Sketch {d).

0006
| &
-m -’ _(!L () —_—
C‘s ﬁh =
(per deg) 0002
—— CALCULATED
O EXPERIMENTAL
¢
0 4 8 12 16 20
o (deg)
SKETCH (d)
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B. TRANSONIC

DATCOM METHOD

Because Mach number effects on roll-control effectiveness are very small, no separate solution is
presented in the transonic regime. The existing methods are considered to be applicable in the
transonic regime; i.e.,the subsonic method forM < 1.0. and the supersonic method for M > 1.0.
However, it should be emphasized *thal the transonic methods must be used to calculate the various
components of the roll-control-elivorivoness equations; Le., the values of d€/da, (CLaH) , and
[Cn, H)c. in the transonic speed regime. e

¢, SUPERSONIC
NATCSR METHOD

The following method is a modificatios of the method found in Reference 1, with the additional
terms accounting for the cffects of body vertices and tail effectiveness. In contrast to the subsonic
method, this method accounts for the il effectiveness and the downwash due to wing vortices in
the empirical factor of 0.35. At ungies of attack less than six degrees the body vortex interference
factor lyg y, ¢an be neglected. The roll-control effectiveness of a body-mounted differentialty
deflected horizontal stabilizer, based on Swbw, is given by

yHSH
_ . I 3 : e n
C), = 035 lvB(H,(zmvr) (bHeil) + (kyesy * Kgany) (CNQH)E b S, 6.2.1.2-c

!

The proper sign of the rolling-moment coefficient will result from the expression
C,;=Cyy (8, — 83 ) The subscript ¢ refers to the exposed surface (see Section 4.3.1.2 for a
definition of exposed surfaces), and

Kyjp) and are tail-body interference factors obtained from Figures 4.3.1.2-12b and -12a,
respectively, of Section 4,3.1.2. Care should be taken to use the appropriate
empennage geometry with these figures; i.e., the average body diameter in the
region of the horizontal tail and the horizontal-tail span.

Kg )

(CN'IH) is the normal-force variation with angle of attack of the exposed horizontat tail

¢ obtained {rom Paragraph C of Section 4.1.3.2. Care should be exercised to use
the correct method for the specific geometry and to apply the approprate
correction factors where applicable, e.g., those on Figure 4.1.3.2-60.

Vi is the lateral center-of-pressure coordinate of the horizontal tail measured from
and normal to the longitudinal axis. For the supersonic case, it is assumed that
the lateral center-of-pressure coordinate is located at the 40-percent position of
the semispan of the exposed tail; i.e.,

b
-— He
yH = (0.4 T +r 6.2.1.2-d

6.2.1.2-12



Al remaining terms have been previously defined in the subsonic method of this section. (1t
should be noted that the c.p. of the horizontal tail at supersonic speeds is assumed to be
located at the midchord point of the exposed tail MAC in defining the parameter X.)

The total angular deflection of the control surfaces & is measured in a plane parallel to the plane of

symmetry, and is positive for the left control surface deflected trailing edge down and the right
control surface deflected trailing edge up.

Sample Prablem

Given: Model 2 of Reference 8

X
P
Wing Characteristics?
Sy = 144.0sq in. by = 24.0in. A = 45°
Horizontal-Tail Characteristics:
Su, = 18.24 sq in. by = 10.73 in. by, = 7.4 in.
Ay = 4.0 Ay = 3.0 Ay = 0.6 )\He = 0.685
Ayy = 45° Apg = 46.7° Airfoil; Double Wedge; t/c = 0.04
Additional Characteristics:
M = 20I; 8 = 1.744 r = 1.665 in. X = 36.59in.

6.2.1.2-13



Compute:

Calculate (CN ) from Section 4.1.3.2
*H

Ay, tan Ajp = (3.0)(1.0625) = 3.1875
ﬁ(CNm) = 4.02 perrad (Figure 4.1.3.2-56 (d), (e), (1), interpolated)
CN“ = 2.305 per rad

Beot Apg = (1.744)(0.9424) = 1.64 (supersonic leading edge)

The supersonic wing lift-curve-slope correction factor will be applied because of the
supersonic leading edge.

0.04 and double-wedge airfoil

l

t/c

b
<
1

= (0.25 (Figure 2.2.1-8)

Ay 025
= COSALE 0.6858

Cn
C = .995 (Figure 4.1.3.2-60)
( N"‘)theor,

(CNaH) = (0.995) (2.305) = 2.293 perrad = 0.040 per degree
e

Calculate the tail-body interference factors from Section 4.3.1.2

d
H o 2(1.665)
— = == = 0.3103
by  10.73

kpay = 0.324 (Figure 4.3.1.2-12a)

BAy = (1.744) (3.0) = 5.232

]

k = (0.983 (Figure 4.3.1.2-12b)

H(B)

k = 0.324 + 0.983 = 1.307

k H(B)

B(H) +

6.2.1.2-14



Calculate the lateral center-of-pressure coordinate

Yy

1]

il

YuSHe  (3.145) (18.24) _

by,
04—
2

(0.4) (3.7) +1.665 = 3.1451n.

bySy  (24.0)(144.0)

) +r {(Equation 6.2.1.2-d)

0.0166

Calculate the body vortex interference factors from Section 4.3.1.3

T 1.665
- = = 0.45
He
X=X a [36.59 % o Xy
o = =] = == 121.98 ——
r §7.3\1.665 1 57.3 r
o {*— x,) r Yo
—_ !
: s 57.3( ; Yo' /" olf Zrave bry 12
e
(deg) | {Fig. 4.3.1.313a) (Fig. 4.3.1.314} | (Fig. 4.3.1.313b) | {corrected}*® | (Fig. 4.3.1.315) @ 10.45}
0 - . - - - - -
4 - - - - - - -
8 17.0 0695 0.590 1.110 1110 0.54 0.265
12 11.15 2.268 0.700 1.600 1,600 0.87 0.315
16 852 3.758 0.742 1.880 1.880 118 0.334
25 . . r r
o —— [} ] e —
by /2 VBH) YBIH) (ZmVr) (bH 2 )
.} ]
(deg) (6) t0.45) (Fig. 4.3.1.3-709) @9 (@) fo4s
v} - - -
8 0.499 -0.125 ~0.0304
12 0.720 —0.226 —0.0885
16 0.846 —0.242 —0.1286
Y/ z; z, 2,
i s — —0 = — {1ail located on body center line}.
"/ corrected 4 r
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Solution:

-~
t

]

0.000232 [iVB(H)(

2moVr ) \by /2

e’

]

r )( ! )1+0.000303

r r
: i +k C

r T
i +1.307} (0.040) (0.0166
0.35 [.VB(H) (zmw) (bﬂen) ] (0.040) (0.0166)

(Equation 6.2.1.2-¢c)

r r
* i"B(H!{Zanr)(bH /2) s
(deg) e {per deg)
0 - 0.000303
4 - 0.000303
8 -0.0304 0.000296
12 -0.0885 0.000282
16 -0.1285 0.000273

The calculated results are compared with test values from Reference 8 in Sketch (e).

.0004
G
' 0002
(per deg)
0

6.2.1.2-16
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SKETCH (e)
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TABLE 6.2.1.2-A

SUBSONIC TAIL-ROLL-CONTROL EFFECTIVENESS
DATA SUMMARY AND SUBSTANTIATION

Ref | M | Ay | A | by | ALg, | Ang | My | Be [ Ay, | ® Cig Cis agy
{in,} lin.} Calc. Test

2 {07 | 407 {03 | 2252 315° [2146] o | 1306 |575° | 0| 0000872 | 0.00114 | -0.000268
4 | 0.000872 | 000116 | —0.000288
8 [ 0000836 | 0.00132 | —0.000484

12 | 0000784 | 0.00t12 | —0.000336

; ' 16 | 0.000741 | 000112 | ~0.000379

3 |005| 330 [0247| 4756 | 47.2° | 326 | 0187 | 2414+ | 505° | 0 | 0.000391 | 0.00039 0
4 | 0.000391 | 0.00039 ]
8 | 0.000375 | 0.000361 | 0.000014

12 | 0000351 | 0.000336 | 0.000015

16 | 0.000338 | 0.000352 | —0.000014

1 20 | 0.000321 | 0000445 | —0.000124

6 | 06! 30 |o014| 2730| 387° | 3084 | 0588 | 1612 | 18.8° | 0 | 0.000575 | 0.00068 | —D.000115
5 | 0.000575 | 0.00069 | -0.000115

10 | 0.000544 | 0.00074 | —0.000196

t r ] 1 15 | 0.000506 | 0.00077 | —0.000264

1 |o0a3f299 | o | 367.7| 532° | 3977 | 060 [ 2214 | 10 o | 0.000787 | 0.00055 0.000237

4 | 0000787 | 0.00065 0.000137

8 | 0.000740 | 0.00081 | —0.00007

12 | 0.000720 | 0.00084 -0.00012

16 | 0 00069f | 0.00078 -0.000084

L L F L 20 | 0.000674 | 0.00072 | —0.000046
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TABLE 6.2.1.2-A {CONTD)

Ref, M Ay Ay by ALEW AH- Ay by ALEH o C{s C,-6 AC[E
{in.} {in} Calc. Test

o

7 096 | 40 0.6 720 | 467 3.275 | 0.668 | 30.7 46.6° 0 | 0.000368 | 0.000315 0.000043
4 | 0000358 | 0.00040 —0.000042
090 0 | 0.000367 | 0.000325 0.000042
4 | 0.000367 | 0.000373 | —0.000006
§ | 0.000345 | 0.00045 —0.000105
12 | 0.000327 | 0,000385 | —-0.000068

16 | 0.000311 | 0.000325 | —0.000014

0.80 o | 0.000352 | 0.00035 | ©0.000002
4 | 0.000352 | 0.00040 | —0.000048
2 | 0.000332 | 0.00036 | —0.000018
12 | 0.000315 | 0.000415 | —0.0001
16 | 0.000299 | 0.000368 | —0.000069
1 : } 1 ¥ |20 | 0.000284 | 0000265 | 0.00001%
2 | o9 | 4071 03 | 2252| 315° | 2946 | o |13.06] 575° | 0 | 0000954 [ 0.00119 | -0.000236
4 | 0.000054 | 000119 | —0.000236
g | 0000014 | 0.00130 | —0.000386
12 | 0.000856 | 0.00112 | —0.000264
16 | 0000813 | 0.00088 | —0.000067
0.8 o | 0000913 { 000124 | ~0.000327
4 | 0000913 | 000122 | —0.0N0207
8 | 0000875 | 000126 | -0.0w3r

12 | 0.000820 | 0.00122 —0.0004

] ! ] t |16 | 0000774 | 0.00096 | —0.000156
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TABLE 6.2.1.2-B

SUPERSONIC TAIL-ROLL-CONTROL EFFECTIVENESS
DATA SUMMARY AND SUBSTANTIATION

Ref. © M Ay 1 Ay bw | ALg, AHe A, by A, | @ Ciy Ci acy
tin.) {in.}) Cale. Test
8 1.61 | 4 o5 ! 2531 | 38.1° | 30 | 0468 | 1212 | 38.5° | 0| 0.000455 | 0.00049 | —0.00O035

Modet
F 4 | 0.000455 | 0.00049 | —0.000035

8 | C.000454 | 000046 —0.00000€
12 | L.0J0435 | 0.000425 0.000210
15 | 0000423 | 0.00036 0.000063
2.01 0 | 0,000371 | 0.00040 -0.000029
4 1 (L000371 | 0.00040 —0.000029
8 O.GOOC‘]J‘K'JI 0.00039 —0.000020

12 1 0.000354 | G.00034 0.000014

1 1 1 ; { 1 1 16 | 0.000345 | 0,00025 | 0.000095

3 | 141 | 4 02| 240 | 49.4 30 | 0685 | 1073 | 46.7° | 0] 0.000402 ' 0.00042 | -0.000018
Mo-del

5 4 | 0.000402 | 0.00039 0.000012
8 | ©.000393 | 0.00035 0.000043

i 12 | 0.000374 | 0.00034 0.000034

i I l 16 | G.OOO3E2 | D.0O0028 0.000082
| 2o 0! 0000303 | 0.00029 0.000013

' 4 | v.000303 | 0.00028 0.000023

i 3 | 1.000296 | 0.00028 0.000016

i I 12 | 0.000262 ¢ 0.00021 0.000072

' 1 4 Jr ] Jr L | { l | 18 .000273 | 0.00015 0.000123

- I i
22.68 60° 2.23 | 0197 N4 s0° 0 | LODDEAL | 0.01050 0.000144

; 4§ 0000644 | 0.00055 0.000094

12 | 0.030580 | 0.00043 0.00015

v b 1 1 16 | 2000551 | 0.00038 0.000171

e A —_ | — ol

i

. |
v l 8 | 0.000605 | 0.00050 0.0C0105

i

|

—— e m o
P




TABLE 6.2.1.2-B (CONTD)

Ref. M A A LEw AHG kHe bH ALEH o Clé CIB A C(,S

(in.} lin.} Cale, Test

4

100 | 40 | 06 | 720 46.7° | 3.275 | 0668 | 307 | 467 o | 0.000387 | 0.000350 | 0.000037
4 | 0000387 | 0.000365 | 0.000022
8 | 0.000370 | 0000300 | 0.000070
1.05 o | o.ooo3s | 0.00035 0.00001
} J b ‘ ] ] ] & b 4 | 000036 | 0.00040 |-0.00004
2252 315°{ 2146 | 0 1306 | 675

2 1.20 | 4.07 0 0 | 0.00148 0.00135 0.00013

t

4 | 0.00148 | 000137 0.00011
8 | 0.00142 0.00140 0.0C003
12 | 0.00138 0.00131 0.00007

r [ y r ' y y r y y 16 | .01 0.00112 0.00009

2111 | 0.186 |14.834] 575° | o | 0.000872
5 | 0.000872
10 | 0.000840
15 | 0.000810
! 20 | 0.000762
216 ‘ o | o.000703
s | 0.000703 (a)
10 | 0.000678
15 | 0.000655
250 o | 0.000610

5 | 0.000610

10 } 0.000588

' ] J L i y | ' 15 | 0.000568

‘{a) This Information is classified CONFIDENTIAL.
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SUBSONIC SPEEDS

. —~ |
\\\
6 \
"(3)
4

dy Average fuselage width in region of horizontal tail
by Span of borizontal tail

.2 T I
Ref: NASA TR-R49

dy /by

FIGURE «...1.4-22 TAIL EFFECTIVENESS FOR BODY-MOUNTED
HORIZONTAL TAILS
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SUBSONIC SPEEDS
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SUBSONIC SPEEDS

FIGURE 6.2.1.2-23 (CONTD)
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6.2.2 YAWING MOMENT PUE TO ASYMMETRIC DEFLECTION OF CONTROL DEVICES
6.2.2.1 YAWING MOMENT DUE TO CONTROL DEFLECTION

Yawing moments due to aileron deflection arise from two sources. The first is the asymmetric change in

the induced drag of the wings; the induced drag of the wing with the down-going aileron increases and that
of the wing with the up-going aileron decreases. The second is the increase in profile drag due to flap deflec-
tion. The profile drag increases almost equally for positive and for negative flap deflections. The yawing
moments due to the profile-drag increments of antisymmetrically deflected ailerons therefore tend to cancel.
The methods of this section for estimating the yawing moment due to aileron deflection are derived from
induced-drag changes and neglects contributions due to profile drag.

For spoilers that deflect on one wing panel at a time, the profile drag cannot be neglected. The methods
presented for estimating the yawing moment due to spoiler deflection therefore include the contributions
due to induced-drag and profile-drag changes.

Additional discussion on the aerodynamic aspects of aileron and spoiler controls is found in Sections
6.1.1.1,6.1.1.2,6,1,1.3,and 6.2.1.1,

A. SUBSONIC
DATCOM METHODS

Aileron-Type Controls

The method for determining the yawing moment of plain trailing-edge-flap controls is taken from Referencel
The method is empirical in nature and is based on a limited amount of test data.

For aileron-type controls that extend to the wing tip, the yawing moment due to aileron deflection resulting
from the unsymmetrical change in induced drag may be approximated by

6.2.2.1-a

where

K  is an empirical factor,depending upon planform geometry, obtained from Figure 6.2.2.1-9. This
design chart is taken from Reference 1 and is based on the data of References? through 7.

C,. is the rolling effectiveness of the aileron (per radian), obtained by using the method of Paragraph
8 A of Section 6.2.1.1 for the appropriate subcritical Mach number.

CL is the lift coefficient for zero aileron deflection,

8. is the right-hand control deflection in radians (positive trailing edge down),

R
6, is the left-hand control deflection in radians (positive trailing edge down).

For aileron-type controls not extending to the wing tip, Equation 6.2.2.1-a is used to compute the difference
in the yawing moments of two hypothetical ailerons—one extending from the inboard location of the actual
aileron to the wing tip and the other extending from the outboard location of the actual aileron to the wing
tip. The difference in the yawing moments of these two hypothetical ailerons gives the yawing moment of
the actual aileron.

6.2.2.1-1



The method is valid for attached-flow conditions only; i.e., wing angle of attack and control deflection where
no flow separation exists.

A sample probiem illustrating the use of this method is presented on Page 6.2.2.1-3.

Not enough test data are available to permit either an independent verification or an extension of this
method. Therefore, caution should be used in applying the method to configurations whose geometric
parameters fall outside the ranges of those of the configurations of References2 through 7 (see Figure

6.2.2.1-9).

Spoilers
Plug and Flap-Type Spoilers

The subsonic yawing moment due to spoiter deflection is obtained from Figures6.2.2.1-10 and 6.2.2.1-11
for straight wings and swept wings, respectively. The charts are fromReference 1 and are based on the data of
References6 through 11. They are applicable to plug and to flap-type spoilers at zero angle of attack and for
spoiler heights above the wing surface between 2 and 10 percent of the local wing chord. However, the
applicability of the charts to inboard spoilers on swept wings is questionable.

Not encugh experimental data are available to permit =ither an independent verification or an extension of
this method. Therefore, the method is limited to the ranges of parameters presented on the design charts.
It should be noted that the swept-wing design chart is based on test data from configurations with a con-
stant spoiler chordwise location of 0.70c.

The design chart values of C_ are for a spoiler deflected on one panel based on the total wing area and
wing span.

Sample Problem 2 on Page 6.2.2.1-4 illustrates the use of this method.
Spoiler-Slot-Deflector

The use of spoiler-slot-deflector combinations increases the effectiveness and hence the yawing moment due
to spoiler deflection. The yawing moment due to a spoiler-slot-deflector combination at zero angle of attack,
where the spoiler deflection is equal to the deflector deflection (65,’ 6, = 1.0) is given by

= K(C))

6.2.2.1-b

(Cn ) spoiler-slot-deflector plain spoiler

where

K is the ratio of the yawing-moment coefficient of a spoilcr-siot-deflector to that of a’
plain spoiler, obtained fromFigure 6.2.2.1-12 as a function of the compressible sweep
parameter M cos A, This chart is based on data fromReferences 12 through 14,

,) plain is the yawing-moment coefficient of a plain flap-type spoiler deflected on one wing panel,
spoiler  based on the total wing area and span, obtained from either Figure 6.2.2.1-10 or
6.2.2,1-11.

For higher angles of attack, a decrease in C_ due to piug and to flap spoilers is experienced. As the stall is
approached, the yawing moment for these spoilers becomes zero. The use of a slot and deflector in combina-
tion with a plug or a flap spoiler improves its effectiveness at high angles of attack (see Section 6.2.1.1) and
hence gives a significant yawing-moment increment for these angles.

Not enough test data are available to extend this method to configurations employing differential spoiler-
deflector deflections.

6.2.2.1-2



Application of this method is illustrated by Sample Problem 3 on Page 6.2.2.1-4,
Sample Problems

I, Aileron-Type Control

Given: The wing-control configuration of Reference 4,

Wing-Control Characteristics:

Ay = 394 Ay = 0.625 A = 420 by, = 11.38 ft
i o o
Sy =328sqft g"-?i = 0.50 8, =15 bp =-I5
w
Additional Characteristics:
Low speed
a(deg) Cp C Is {per rad)

2 0.110 0.1180
4 0.230 0.1158 3 Test results
6 0.350 0.1126

Compute:

K =-0.261 (Figure6.2.2.1-9)
5, — b,

2
Solution:

159 = 0.262 rad

n

6, -8)
KCLC15 —"-—5'— (Equation 6.2.2.1-a)

C

H

(0.261) (0.262) €, €,

=-0.0684C, CI:S

® ® ® ® ® ®

o cl 5 - ol cat

{deg) CL {per rad) @@ -0-0034@ o ront
2 0.110 0.1180 001298 -0,00089 -0,0010
4 0,230 0.1158 0.02663 0.00182 -0.0018
6 0.360 0.1126 0.03941 -0.00270 -0.0026
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These test data have been used in the derivation of Figure 6.2.2.1-9; therefore, the sample problem is

not an independent verification of the method.
2. Spoiler
Given: The wing-control configuration of Reference 15.

Wing-Control Characteristics:

=360in. A = 35.1°

Sy = 324 sqin. lw = 0.60 Ay =40 by,
b!
Flap-type spoiler x/fc = 0.790 — = (.50
by, /2
Yo 5, _
= (L.639 — = 0.025, 0.05,0.075,0.100
by / c
Solution:
cﬂ
. E?— BSIC Crl Cn
c Flig. 6.2.2.1-11 Cale Test
025 0.04 0.0010 0.00085
050 0.04 0.0020 0.0020
075 0.04 0.0030 0,0031
100 0.04 0.0040 0.0034

3. Spoiler-Slot-Deflector

Given:

Wing-Control Characteristics:

= 324.0sqin.

b

= 36.0in.

The following test values of (Cn) plain spoiler”

8 s (Cn}phln
— spoiler
¢ {tost results

fromRef. 15}
025 0.00085
050 0.0020
078 0.0031
100 0.0034

6.2.2.1-4

= 32.6°

The wing-control configuration of Referencel5. This is the configuration of Sample Problem 2
with the addition of a slot opening and a hinged deflector.

5, 5,

c

[

c



Additional Characteristics:
M = 040

Compute:

McosA,, = 0.40(0.8425) = 0.3370

K = 2.33 (Figure 6.2.2.1-12)

Solution:
= , ion6.2.2.1-b
(Cn) spoiler- K (Cn) plain (Equatlo )
tlot- spoiler
deflector
55 {Cn) spoller-siot-deflector (cn’ spoiler-slot-deflector

c (Cn] plain spoiler Cale: Test
025 3.00085 00020 0.0025
050 0.0020 0.0047 0.0042
015 0.0031 0.0072 0.0080
100, 0.0034 0.0079 0.0090

B. TRANSONIC

Force and moment characteristics at transonic speeds are difficult to generalize because of the nonlinear
nature of the flow equations and interacting shock-wave—boundary-layer separation effects (see Section
4.1.3.2). The method presented here is intended to give a first-order approximation only and to provide

a guide to aid in fairing between subcritical and supersonic speeads,

DATCOM METHOD

No specific charts are presented for determining the transonic yawing moment of lateral-control devices, The
best source of information of this type is experimental data on similar configurations. If such information is
not available, the following approach may be used as a guide in fairing between subcritical and supersonic

speeds.

A first-order approximation of the transonic yawing moment of lateral-control devices is given by

C
Lo

- —_— 6.2.2.1-¢
C =(C)
" “M=0s (CLOt)M=0.6
where

(C,) M=o0s is the yawing moment of the control at M = 0,6, obtained by using the appropriate
method of Paragraph A of this section.

6.2.2.1-5



(CL ) is the transonic wing-lift-curve slope, obtained from Paragraph B of Section 4.1.3.2.
o

(CL ) is the wing-lift-curve slope at M = 0.6; obtained by using the straight-tapered-wing
a/M=0.6 method of Paragraph A of Section 4.1.3.2 (Figure4.1.3.2-49\,

It should be noted that this approximation applied to spoilers neglects the effect of transonic wave drag,
which can be very significant. Therefore, when applied to spoilers, the method should be considered only
for the purpose of establishing the trend through the transonic region, and not as an approximation of
the magnitude of the yawing moment,

C.  SUPERSONIC

Methods are presented at supersonic speeds for approximating the yawing moment due to aileron-type
controls and to plug or to flap-type spoilers. No method is presented for estimating the supersonic
yawing moment due to spoiler-slot-deftectors. Published test data on spoiler-slot-deflector characteristics
at supersonic speeds are extremely limited. References 16 and 17 present test data on spoiler-slot-
deflector controls at supersonic speeds.

DATCOM METHOD

Aileron-Type Controls

Supersonic values of yawing moment due to flap deflection are obtained from Figure 6.2.2.1-13. This chart
is taken from Reference 1 and is based on the method of computing drag due to lift in Reference 18 and on
a limited amount of test data from References9 and 20.

Not enough test data are available to permit either an independent verification or an extension of this
method. Therefore, caution should be used in applying the method to configurations whose geometric
parameters fall outside those of the configurations of References19 and 20 (seeFigure 6.2.2.1-13).

Spoilers
Plug and Flap-Type Spoilers

The supersonic yawing-moment coefficient due to spoiler deflection of a plug or a flap-type spoiler,
deflected on one panel, based on the total wing area and span. is obtained from Figur¢6.2.2.1-14 as a
function of Mach number and configuration geometry. The design chart is based on the data from
References10 and 21 through 23.

A comparison of test values with results calculated by using this method is presented asTable 6.2.2.1-A.

REFERENCES

1. Dacker, J., et al: USAF Stability and Control Handbook. M-03671, 19586, {C} Title Unclassified

2. Fitzpatrick, J.E., and Woods, R.L.: Low-Speed Lateral-Control Characteristics of an Unswapt Wing With Haxagonal Airfail Sections and
Aspact Ratio 2.5 Equipped with Spoilers and With Sharp- and Thickened-Trailing-Edge Flap-Type Ailarons at a Reynolds Number of
7.6 x 106. NACA RM L52815, 1952, (U)

3. Graham, R.A.. and Koven, W.: Lateral-Control Investigation on @ 37° Sweptback Wing of Aspect Ratio 6 at a Reynolds Number of
6,800,000, NACA RM LBK12, 1948, (L)

4, Spooner, 5.H., and Woods, R.L.: Low-Speed Investigation of Aileron and Spoiler Characteristics of & Wing Having 42° Sweapback of the
Leading Edge and Circular-Arc Airfoil Sections at Reaynolds Numbaers of Approximately 6.0 x 105 NACA RM L9A07, 1949, (U}
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5. BoMech, T.V., and Prati, G.L.: |nvestigation of Low-Speed Aileron Cantrol Characteristics at a Reynolds Number of 6,800,000 of »
Wing With Leading Edge Swapt Back 422 With and Without High-Lift Davices. NACA RM L9E24, 1949. (U)

6. Pasamanick, J., and Sellers, T.B.: Low-Speed 1nvestigation of the Effect of Several Flap and Spoiler Ailerons on the Lateral Charac-
taristics of 8 47.5° Sweptback-Wing-Fuselage Combination at a Reynolds Number of 4.4 x 106, NACA RM 160420, 1950. (U}

7. Fischal, J., Naaseth, R.L., Hagerman, J.A., and O’Hare, W.M.; Effact of Aspect Aatic on the Low-Speed Lateral Control Characteristics
of Untapered Low-Aspect-Ratio Wings Equipped With Flap and With Retractable Ailerons. NACA TR 1081, 1952. (U}

B.  Franks, A.W.: Tests in the Amas 40- by 80-Foot Wind Tunnel of the Asradynamic Characteristics of Airplans Models with Plain Spoiler
Ailerons. NACA RM A54H26, 19564, {U)

9. Fischel, )., snd Hammond, A.D.: Investigation of Effact of Span and Spanwise Location of Plain and Stepped Spoiler Ailerons on
Latera) Control Characteristics of a Wing With Leading Edge Swept Back 51.3%, NACA RM L9K02, 1950. (L)

10. Johnson, H.S.: Wind-Tunnel Irvestigation at High Subsonic Speeds of the Effect of Spoiler Profile on the Laterai Control Character-
istics of 8 Wing-Fuselage Combination With Quarter-Chord Line Swept Back 32.6° and NACA 65A006 Airfoil Section. NACA RM
L53J05a, 1953, (W

11.  Fischel, J., and Tamburello, V.: Investigation of the Effect of Span, Spanwise Location, and Chordwise Location of Spoilers on Laters!
Control Characteristics on a Tapered Wing. NACA TN 1294, 1947, (U)

12, Vogler, R.D.: Wind-Tunnel Investigation at Transonic Speads of a Spoiler-Slot-Deflector Combination on an Unswept NACA 65A006
Wing. NACA RM L53J21, 1953, {U)

13.  Hammond, A.D., and Brown, A.E.: Results of an Investigation at High Subsonic Speeds to Determine Lateral-Controt and Hinge-
Moment Characteristics of a Spoiler-Slot-Deflactor Configuration on a 35° Swaptback Wing. NACA RM L57C20, 1957 {U)

14,  Hammond, A.D.: Wind-Tunnel Investigation of the Effect of Aspect Ratic and Chardwise Location on Effectivensss of Plain Spoilers
on Thin Untapered Wings at Transonic Speeds. NACA RM L56F20, 1956. w

15.  Vogler, R.D.: Wind-Tunnsel investigation at High Subsonic Speeds of a Spoiler-Slat-Deflector Combination on an NACA 65A006 Wing
With Quarter-Chord Line Swept Back 32,6%. NACA RM LS3D17, 19563, (U}

16. Foster, G.V.: Effects of Spoiler-Stot-Deflactor Control on the Aerodynamic Characteristics st 8 Mach Number of 2.01 of a Variable -
Wing-Sweep Configuration with the Outer Wing Panels Swept Back 75°, NASA TM X-273, 1960. (U}

17.  Lord, D.R., and Moring, R.: Aerodynamic Characteristics of a Spoiler-Slot-Deflector Control on a 450 Sweepback Wing at Mach
Numbers of 1.61 and 2,01, NACA RM L57E 16a, 1957. (U)

18.  Polhamus, E.C.: Drag Due to Lift at Mach Numbars up to Two. NACA RM L53122b, 18563. (U}

19,  Mitchell, M.H., Jr.: Effacts of Varying the Size and Location of TrailingEdge Flap-Type Controls on the Asrodynamic Charscteristics
of an Unswept Wing st a2 Mach Numbaer of 1.9, NACA RM L50F08, 1950, (U}

20. Jscobsen, C.R.: Effects on Control Effectiveness of Systematically Varying the Size and Location of Trailing-Edge Flaps on a 45°
Swaptback Wing at a Mach Number of 1.9. NACA RM L51126, 1951, {U)

21, Kindell, W.H.: Effects of Span and Spanwise and Chrodwise Location on the Control Effectiveness of Spoilers on s 50 Sweptback
Wing at Mach Numbars of 1,41 and 1.96. NACA RM L53B09, 1953, (V)

22.  Conner, D.W., and Mitchell, M.H,, Jr.: Effects of Spoilar on Airfoil Pressure Distribution and Effects of Size and Location of Spoilers
on the Asrodynamic Characteristics of a Tapered Unswept Wing of Aspact Ratio 2.5 st 8 Mach Number of 1.90, NACA AM L50L20,
1961, (U}

2. wWong. N.D.: An Invastigation of the Control Effectiveness of Tip Ailsrons and Spoilers on a Low-Aspect-Ratio Trapezoidal-Wing
Airplane Mode! at Mach Numbers from 1.55 to 2.25. NACA RM A57126as, 1957. (U]

24, Hamilton, C.V., and Drivar, C.: An Investigation of a Supersonic Aircraft Configuration Having a Tapared Wing with Circular-Arc

Sactions and 40° Swespback—Stability and Conirel Charactaristics at a Mach Number of 1.61 of the Complets Configuration
Equipped With Spoilers. NACA RM L54F 15, 1954, (Ui}
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TABLE 6.2.2.1-A
SUPERSONIC YAWING MOMENT DUE TOQ SPOILER DEFLECTION

DATA SUMMARY

f Spoiler |
A c/4 _:'_ Yo cLh;:ra‘i‘;:)irs\e _6_5_ Cn < ac n
Ref. Spoiler A A ldeg) | by/2 byy/2 {%c) ¢ M Calc Tast Catc - Test
| 24 Plug 40 | 050 400 | 0.15 0.95 0.56 0.05 1.61 | 0.0052 | 00053 -0.0001
Flap 0.0052 | 0.0062 -0.0010
Plug 0.65 i 0.0052 | 0.0070 -0.0018
0.55 1 00021 | 0.0020 0.0001
,', 1 0.02 0.0010 § 0.0010 0
22 Plug 2.50| 0.625 53 | 020 0.95 0.75 0.05 1.90 | 0.0040 | 0.0056 -0.0016
l 0.02 0.0018 | 0.0021 0.0003
0.45 0.05 0.0030 | 0.0049 0.0019
l 0.02 0.0015 | 0.0012 0.0003
0.70 0.05 0.0015 | 0.0026 -0.0011
l 0.02 0.0008 | 0.0008 0
0.45 0.06 0.0030 | 0.0020 6.0010
1 l 0.02 | 0.0015 | 0.0004 0.00%1
23 Flap 320 | 040 19.2 | c28 0.75 077 0.037 | 1686 | 00025 |-0.0008 0.00332
0.095 ‘ 0.0060 | -0.0008 0.0058
0.037 : 1,90 | 0.0016 0 0.0016
0.095 ‘ 1 0.0040 o 0.0040
o037 | 235 | 00011 | 0.0025 -0.0014
; 0.095 ; i | cooso | oocozs | o.000s
3l Plug 250 | 0.625 | 47.16 | 0.20 0.95 0.6 0.04 | 196 | 20033 | 0.0026 0.0007
l 0.06 i ! 0.0045 | 0.0043 0.000?
0.70 0.04 L 70018 | 0.0014 2 0004
1 , 005 | 00025 | 0.0019 €.0005
0.45 0.04 ! l 0.0010 | 0.C005 0.0005
1 1 0.06 ! 00012 | 0.0011 0.0001 !
1 -~
IAcnl
Avarage Error = = = 00012
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SUBSONIC SPEEDS
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FIGURLE 6.2.2.1-12 EFFECT OF SLOT AND DEFLECTOR ON SPOILER YAWING MOMENT
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6.2.2.2 YAWING MOMENT DUE TO A DIFFERENTIALLY DEFLECTED
HORIZONTAL STABILIZER

No methods are available for estimating the yawing moments due to a differentially deflected
horizontal stabilizer, and the data available for correlation are limited. However, a brief discussion,
taken essentially from Reference 1, is given pertaining to the qualitative and quantitative aspects of
yawing moments associated with tail rol! control.

Associated with tail roll control are yawing moments, varying in magnitude and direction as a
function of Mach number, angle of attack, and vehicle geometry. These yawing moments can be
attributed to (1) the pressure differential induced on the vertical tail as a result of the differentially
deflected horizontal tail, (2) the drag component associated with each horizontal-tail panel, and
(3) the dihedral of the horizontal tail. For most configurations and test conditions, the differential
pressure on the vertical tail is the dominating factor.

Yawing-moment data are generally presented in the form of the parameter C,,/C;, (ratio of
yawing moment to rolling moment produced by roll control). For low-horizontal-tait configura-
tions, tail roll control up to M = 1.0 produces very large favorable yawing moments, which
decrease with increasing angle of attack but tend to remain positive over the angle-of-attack range
(@ = 0 to 22°) for which test data are available. These large yawing moments are due primarily to
the induced pressure differential on the vertical panel. This pressure differential on the vertical taii
also tends to reduce the rolling moment for a low-tail configuration.

At supersonic speeds, the load carry-over from the horizontal tail to the vertical tail decreases with
increasing Mach number. The attendant result is that at supersonic speeds the tail roll control will
produce smaller favorable yawing moments at low angles of attack and possibly adverse yawing
moments at high angles of attack. For a specific configuration, if the Mach number is high enough,
adverse yaw due to tail roll control is a possibility throughout the angle-of-attack range. Sketch (a)
presents representative yawing-moment data produced by roll control for a low-tai! configuration as
a function of Mach number and angle of attack.

——— HORIZONTAL TAIL

————— AILERONS
M=0.19 M= 0.80 M=10 M=161
2
C -_h-_--——‘"\
ny Te— ‘t\

-2
0 10 20 10 20 0
a (deg) a (deg)
SKETCH (a)

The vertical position of the horizontal tail is the most important parameter in determining the
relative magnitude and direction of the yawing moment due to roll control (References 1 and 2).
The variations in yawing moment due to roll control shown in Sketch (b) are representative of the

6.2.2.2-1



effect of the horizontal-tail location. These variations would enable the designer to position the
harizontal tail to avoid large undesirable yawing moments, tongitudinal stabitity permitting. In this
connection, it may also be pointed out that il a ventral fin is used on the airplane for high-speed
stability, the yawing moments for 2 low tail position would be smaller. If the yawing moments
cannot be adjusted to a satisfactory value by positioning the tail, it might be necessary to adjust
them by linking the rudder in with the tail roll control.

1
~——___ TAIL POSITION .
Ca, ™ Low - *’*/fir
_3 < =

SKETCH (b)
Dihedral Effects

The results of dihedral variation on yawing moment due to roll Cn; /Gy, are of significant
importance. The lateral component of the horizontal-tail loads increases with negative dihedral, and
the load induced on the vertical tail by differential horizontal-tail deflection is reduced by increases
in negative dihedral. The combined effect of these (vwo phenomena is a substantial increase in the
yawing-moment parameter C,./C;,  with increasing negative dihedral angle over a large
angle-of-attack range. The variation of the yawing moment due to tail roll control is shown in
Sketch (c) (Reference 3). Consequently, if negative tail dihedral is employed on a low-tail
configuration to improve the linearity of the pitching-moment curves, for example, and differential
tail deflection is utilized to augment low-specd roll coptrol; then the favorable yawing moment
associated with tail roll control will be aggravated further. Of course, if a ventra! fin is employed on
the configuration, the loads induced on the ventral would be increased, tending to offset the
additional yawing moment due to negative dihedral; however, this effect would not be strong
enough to cancel the effect created by negative dihedral. On the other hand, for low-tail
configurations at supersonic speeds where the yawing moment due to tail roll control is adverse,
negative tail dihedral would be favorable.

SUBSONIC SFEEDS

6 I'=o0 i I'=-15°
C
o 47 T
Cls 2 j S—
T T —
0 T ] L
0 20 0 0 20 ?
« (deg) | a (deg) a (deg)
SKETCH (c)
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Flap Effects

The effects of flaps on yawing moment due to roll control are shown for two different
configurations in Sketch (d). Both configurations show a substantial increase of Cy,/Ci; with flap
deflection at low lift coefficients. This increase is primarily the result of a decrease in roll

effectiveness Cj; .

—— FLAP RETRACTED

SKETCH (d)

REFERENCES

1. Campbell, J. P.: The Use of the Horizontal Tail for Roll Control. NACA RM L565L.16a, 1956. (U)

2, Boisseau, P, C.: Low-Spesd Roll Effectiveness of a Differentially Deflected Horizontal-Tail Surface on a 42° Swept-Wing
Model. NACA RM L5BE03, 1966, (U)

3. Fournier, P. G.: Effect of Tail Dihedral on Lateral Control Effectiveness st High Subsonic Speeds of Differentially Deflected
Horizontal-Tail Surfaces on a Configuration Having & Thin Highly Tapered Wing. NASA Memo 12-1-58L, 1959. (U)
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6.2.3 SIDE FORCE DUE TO ASYMMETRIC DEFLECTION OF CONTROL DEVICES

The side-force increment due to the asymmetric deflection of control devices on a plain wing is usually
small enough to be neglected. At supersonic speeds, however, strong shock waves can be generated from
deflected controls. These shock waves frequently impinge on vehicle components and cause considerable
forces and moments by means of their direct pressure effect and by boundary-layer-separation effects.

For the purpose of the Datcom, it is assumed that the side force due to asymmetric control deflection is

sufficiently small to be neglected. Some data on the side force due to asymmetric control deflection on
wing-body combinations at supersonic speeds mav be found in reference 1.

REFERENCE

1. Smith, W, G., and Intrieri, P, F.; Some Aspects of Aileron Deflection on the Static Laterat and Directiona! Asrodynamic Characteristics
of Four Contamporary Airplane Modeis, NACA RM ASTEZ2, 1957, (U}
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6.3 SPECIAL CONTROL METHODS
6.3.1 AERODYNAMIC CONTROL EFFECTIVENESS AT HYPERSONIC SPEEDS

The interest in aircraft and re-entry vehicles operating at hypersonic speeds has created the need for
establishing preliminary-design methods for predicting the effectiveness of acrodynamic controls of such
vehicles at hypersonic speeds.

This section presents a procedure, taken from reference 1, for applying the correlation results presented in
reference 1 to the prediction of hypersonic control effectiveness.

The development of efficient hypersonic vehicles involves solutions of complex problems associated with the
severe environment of hypersonic flight. Control characteristics, particularly at hypersonic speeds, are
greatly affected by flow separation phenomena. Flow separation can occur ahead of deflected flaps, on the
leeward side of a surface inclined at large angles of attack, near the impingement of a shock wave upon the
boundary layer of a body, and on a curved surface. Control effectiveness may be increased, limited, or com-
pletely nullified because of boundary-layer separation. Pressure distributions over the control and the basic
configuration can be greatly altered because of separation effects. Heat-transfer rates are changed on the con-
trol surfaces and the basic configuration both upstream and downstream of the control. The interaction
region is characterized by a reduction of local heating rates in the separated region and a substantial heating
rate increase at the reattachment point. It is therefore essential to understand the flow-separation phenomena
and to describe the flow conditions in the separated region.

r
In reference 1,semiempirical correlations are developed for the characteristic parameters of a separated flow
at hypersonic speeds. These correlations describe the pressure and heat-transfer distributions in terms of local
flow properties by defining characteristic magnitudes and distance parameters. Knowing these quantities.
relations for incremental aerodynamic force and moment coefficients are developed.

In order that the Datcom user may better understand the control effectiveness methods presented in this
section, general discussions of hypersonic flow separation and the effects of the influence of separation on
controls are presented. These general discussions are essentially quoted from reference 2 and present only
the salient aspects of hypersonic-flow separation and its influence on aerodynamic controls, The reader can
obtain a more thorough review of hypersonic-flow separation phenomena from references | and 3.

HYPERSONIC-FLOW SEPARATION

Separated flows are characterized by the prevailing type of boundary layer: laminar, turbuient, or transi-
tional. The pressure rise and the extent of the separated region depend upon the characteristics of the
boundary layer.

In general, boundary-layer separation occurs whenever the streamwise pressure increase along a surface is
sufficient to overcome the forces acting to accelerate a fluid particle, or when the streamline curvature
necessary to follow the surface contour cannot be sustained by the pressure gradient normal to the surface.
In steady-flow aerodynamic problems the only forces acting to accelerate the low-momentum fluid near the
wall against a pressure gradient are the shear forces between layers of fluid, Because the momentum of the
fluid near the wall is quite low, a relatively small amount of deceleration by the pressure gradient is suf-
ficient to bring about separation. Turbulent flow helps to delay the occurrence of separation, because the
turbulent fluctuations increase the effective shear forces and thereby increase the adverse pressure force
necessary to reverse the flow of the fluid near the wall,

The greatly increased effective viscosity due to turbulent fluctuations enables the equilibrium between
pressure and shear toi.=s near the wall to occur at much greater adverse pressure rises in turbulent boundary
layers. Because of the connection between pressure rise and flow turning angle, this higher pressure corres-
ponds to a much shorter, thicker separated zone for the same initial boundary-layer thickness. Cases pre-
sented by Schlichting (reference 4) and Howarth (reference 5) show turbulent pressure rises twice the lami-
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nar ones, while the laminar separation zone extends 10 times farther than the turbulent one. A similar
thickening (and simultaneous pressure rise) occurs in a transitional separation when the mixing zone becomes
turbulent, and the downstream flow soon approaches a condition very similar to the equivalent turbulent
separation. Upstream of the transition point, the flow has the character of the corresponding laminar
separation zone. The location of the transition point therefore plays a distinct role in determining the pres-
sure distribution (see references 6 and 7).

Present indications are that shock-induced laminar separation pressure distributions, and to a limited extent
turbulent ones, are independent of the type of geometry producing separation (see reference 6). However,
the turbulent peak pressure rise often depends significantly on geometry (references 6 and 8 through 11),
This difference in dependence can probably be attributed to the greatly increased effective viscosity in
turbulent flow enabling the wall contour within the separated zone to transmit its effect more strongly to

the outer flow,

Typical surface pressure distributions for laminar and turbulent boundary layers are presented in
sketches (a) and (b), respectively,

o=ty —r- -
INVISCID PRESSURE RISE ! /
(NO SEPARATION)

—— ——

OVER-ALL
: ' PRESSURE
PRESSURE I RISE
RISE PLATEAU PRESSURE RISE !
RATIO DUE TO SEPARATION |I
P/P, (PLATEAU PRESSURE) ™\ )
: - REATTACHMENT
: PRESSURE RISE
SEPARATION PRESSURE RISE

WALL PRESSURE DISTRIBUTION IN THE VICINITY OF LAMINAR SEPARATION
SKETCH (2)
The laminar boundary layer has a characteristic plateau where the pressure remains almost constant over
most of the separated flow region. The separation pressure coefficient is based on the pressure rise from the

undisturbed stream to the separation point. As explicitly mentioned by Love (reference 12), this is not to be
confused with the pressure rise needed to cause separation.
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INVISCID PRESSURE OVER-ALL

RISE - o
(NO SEPARATION) PRESSURE

PRESSURE PEAK PRESSURE RISE

RISE '

RATIO SEPARATION '
P/P, PRESSURE REATTACHMENT PRESSURE RISE

RISE

~— PRESSURE RISE DUE TO SEPARATION
' (PLATEAU OR INFLECTION PRESSURE)

WALL PRESSURE DISTRIBUTION IN THE VICINITY OF TURBULENT SEPARATION
SKETCH (b) )

The separated turbulent boundary-layer pressure distribution has no plateau region but rises to an inflection
value. The final pressure after reattachment is usually that given by inviscid theory, Occasionally, a situation
arises wherein there is a pressure rise above the inviscid value followed by an expansion to the inviscid value.
This is caused by a lower local entropy level due to the multiple-shock compression of the inviscid flow near
the separation and reattachment points. The multiple-shock compression is a2 more efficient process than the
single-shock compression, resulting in a higher local total pressure. It has been observed occasionally in three-
dimensional hypersonic separation, and there is good reason to expect it in other situations at high Mach
numbers where multipie oblique-shock compression can exist.

The critical pressure-rise coefficient, referred to herein as the incipient pressure-rise coefficient Cpi cor-

nc !
responds to the minimum over-all pressure for which separation will occur (see references 4, 7,9,10,12,
and 13). The current indications are that it is independent of the particular geometry causing the pressure

rise (see references 11 and 14), although this may not prove to be a general rule. Cp_ is much greater and
mnc

is a much weaker function of Reynolds number for turbulent boundary layers {C,_ ~ (Rg)"'°) than for
nc
laminar boundary layers (Cpm ~ (Rl)”" ). Recent correlations presented in reference 1 substantiate this

1/4-power Reynelds-number dependence for laminar boundary layers; however, the range of Reynolds
numbers of the available test data is too small to validate the 1/10-power relation for turbulent boundary
layers. Nevertheless, this dependence does correlate the available turbulent data over the ranges of the test
conditions.
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The prossure rise dee to separation (plateau pressure) is of the same order of magnitude as the critical
pressere ose, and exhirhits the same type of dependence on Mach and Reynolds numbers. Detailed
correlaiton formulas for predicting the pressute-distribution parameters in various situations are developed
itretererce 1oenld are presented in the Datcom method in the form of design charts.

Two further points should be made concerning the peneral characteristics of laminar and turbulent scpma

tons. Furst. the high altitudes and large stream-to-wall temperature ratios characteristic of hypersonic flight
greatly merease the probability of finding laminar flow. And second, the large viscous interaction associated
with high Mach number and low Reynolds number will often make it very difficult to determine experimentally
or theoretically whether separation has even occurred, l=t alone the separation location. For those conditions
where separation ss difficult te detect. the effect of separation on loads is quite small, but the understanding

of the flow and the prediction of heat transfer and flow stability become uncertain.

The stahility and steadiness of separated flows cannot be predicted with certainty using present information.
[n general. cavities appear to be the most unstable type of separated gzometry. Unsteadiness can result from
a hysteresis between laminar and turbulent separated-zone conditions if the flow conditions and geometry
ace of certan types, e.g., a sharply deflected ramp near the transition point of a flat plate. Whether all
separated-zone instabilities are associated with transition or whether other mechanisms participate must be
deterined hy future investigations. The resonant frequency of a cavity would be one important parameter
in cizch an investigation. Vieolent macroscopic flow fluctuations affect heat-transfer rates and wal! shear forces
n.arc the separation and reattachment points because of the Reynolds stress effect,

li.esclutionshing between heat transfer and separation in laminar and turbulent flow are poorly understood.
Charmun (reference 15) theoretically estimates a ratio of heat transfer in a laminar separated zone to that in
the attached faver, of 0.56. The experiments of Larson (reference 16) substantiate this estimate. Chapman
rientions that turbulent separation regions can have heat-transfer rates as high as six times the equivalen?
rates for the attached layer at Jow Mach numbers, but this ratio decreases greatly with increasing Mach
numnber. The turbulent-flow measurements of Larson do not show this high ratio at low Mach numbers, but
the thenry appears to approach the measurzments at high Mach numbers. Larson states that the discrepancy
w probably due to the failure of the theory to include the proper temperature — heat-transfer relationships
ey the »xporiments, It appears doubtful whether very large increases in heat transfer wilt ever be found in
steady. sepsrited regions. In short, turbulent and transitional separations may lead to heai-transfer ratzs
faglter thae the equivalent attachied boundary layer, but at high Mach numibers the ratio appears to be about
™50 1 0,70, which is not indicated satisfactorily by present theory. Local increases in heat-transfer rate near
reatiachment ate mentioned in reference 16, but these were not always found by the other investigators
mentioned tn reference 16,

T converse olfect. ie., the effect of hezt-transfer on separation characteristics, is ulso not undersiood (sce
references 16 through 25). Sogin states in his survey report (reference 24) that there is much disagreement
between theory and experiment regarding the elfects of heat transfer on either laminar or turbulent
separated flos. Thus, theoretical results for laminar boundary layers frefererces 17 through 23 and 32 and
133 indicate separation should be Jdelayved by cooling:; experimenta! resnles in references 37 and 33 tend to

s :hstantiate this rheory, while those in references 16 and 26 through 28 do nct. Gadd further siates that if
M trrbalent boundary fayer could be treated analytically it should also show separation delayed by cocling
frefavences 20 ard 27), but poor experimental agreemaent is obtained, The resolutien of this uncertainty is
vory impoitasi. as it hears directly on the application of wind-tunnel data (equiiibrium wall) to flight
vrobiems fususily cold wail).

INFLUENCE GF SEPARATION ON CONTROLS

Contrel characteristics, particularly at hypersonic speeds, are often greatly affected by separation. As pre-
viously noted, control effectiveness may be increased, limited, or completely nullified because of
boundary-layer separation. Pressure distributions over controls and on the basic configuration may be
greatly altzrcd due to separation effects, changing drastically the raoment coefficients predicted by inviscid
theory. Heat-transfer rates are changed on the control surfaces and on the basic configuration both upstrear
and downstream of the control, Separation effects must therefore be considered in both the design and Yoc::
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tion of controls. In general, separation tends to smooth out the sharp changes in pressure distributions pre-
dicted by inviscid theory, and can cause local “hot spots™ which have heat-transfer rates many times higher
than those that would exist for attachec boundary layers, Separated flow phenomena are frequently
unsteady and three-dimensional in nature, and undergo large changes with transition from laminas to turbu-
lent flow, further complicating the analytical treatment of a design. Thus, for example, hysteresis effects are
noticeable in the Cp, versus a curves for some control configurations.

Aerodynamic forces and moments on a vehicle may be changed as much by changing the pressure distribu-
tion on the basic configuration as they would be by changes in the normal forces acting on controls. Leading-
edge controls, for example, usually are not directly influenced by separation but, by causing separation, they
can affect the pressures and heat-transfer rates over the-entire configuration. Some effects of separation
associated with controls on windward aad leeward surfaces and some important three-dimensional and
unsteady flow effects of separation on control characteristics are presented below.

Leading-Edge Controls

Leading-edge controls contemplated for hypersonic vehicles include flaps, spoilers, tins, spikes, and
all-movable noses. The importance of separation for such controls is in the influence on the entire
flow field downstream of the conirol. Separation behind a deflected leading-edge flap makes any
control or stabilizing surface downstrcam of the flap ineffectual. Heat-transfer rates on the surface
are reduced in the separated-flow 1egion, but if the boundary layer reattaches on the surface the
heat-transfer rate at reattachment can be several times larger than that for an attached boundary
layer. The control forces and hinge moments of leading-edge fins and flaps would not be directly
influenced by separation. Fins, which may be canards, create strong vortices which can cause
boundary-layer transition and con:ribute to the possibility of unsteady flow over the downstream
surfaces of the configuration. Comparable effeets would be expected for large amounts of all-
movable nose deflection which, neverincless, is anticipated to be a very effective trimming device
at high angles of attack, The iinportance of leading-edge controls in influencing the entire afterbody
is epitomized by the use of spikes, Flow-separation spikes in front of blunt bodies may reduce the
total drag of the body by effectively streamlining it. Average heat-transfer rates in the separated-
flow region created by the spike are significantly reduced in laminar flow, although the local heat-
transfer rate at reattachment may be quite high. Deflectable spikes might be used as control devices
because they alter the pressure distribution ir: the forward region of a body. The separated-flow
region caused by spikes, however, is lrequently unsteady, which is a most unsatisfactory contro}
characteristic. If thes2 problems can be worked out, spike controls could become a very effective
system for blunt vehicles.

Downstream Controls

Frequentiy control surfaces located downstream c¢f the leading edge are also used as stabilizing
devices. Their effectiveness, however, may be greatly affected by upstream separation of the
boundary layer. The inviscid estim:ate of the pressuve rise due to deflecting a control into the local
stream is a discontinuous jump in ithe pressure distribution on the surface at the leading edge of
the control. A similar sudden increase in the inviscid pressure distribution occurs at the trailing-
edge shock required to recompress the flow over an expansion surface, In the actual flow, the
sudden pressure rise may be transmitted upstream through the subsonic portion of the boundary
layer, and separation may occur far upstream as a result, This is particularly likely for
hypersonic flow, where shocks are highly swept, and for laminar boundary layers, which have
thicker subsonic portions than turbulent boundary layers. Depending upon flow conditions,
the boundary layer may be separuted over the major portion of the surface, thereby greatly
influencing the effectiveness of controls located downstream on either compression or
expansion surfaces.
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Laminar boundary-layer separation ahead of a deflected flap on the windward surface of a vehicle
spreads the flow-deflection pressure rise over a much larger region than does turbulent separation,
The effectiveness of the flap in creating a moment is lessened both by the decrease in the pressure
distribution on the flap and by any pressure increase occurring on the suirface upstream of the
moment reference center. These effects tend to restrict the desired rearward movement of the
center of pressure and reduce the effectiveness of the control. In extreme cases the center-of-
pressure location with laminar separation may be well forward of that for a turbulent boundary
layer,

The extent of the separated-flow region and the pressures imposed on the surface depend on the
flap deflection, flow conditions, and nature of the boundary layer ahead of the flap, Reattachment
of the separated flow on the flap is usually accompanied by a local heat-transfer rate several times
targer than that corresponding to an attached boundary layer; the average heat transfer to the
separated-flow region, however, is reduced. Similarly, separation affects the pressure distribution
on vehicles having flared-skirt-type stabilizing surfaces, Laminar boundary-layer flow ahead of
small protuberances yields pressure distributions closer to the inviscid predictions than does turbu-
lent flow. A small step on a surface is effectively streamlined by laminar separation far ahead of it,
whereas for turbulent separation, a strong shock exists ahead of the step and there is a large
increase in the local pressure.

Separation on the leeward side of a vehicle may make shielded controls (i.e., controls which do not
“see” the free stream) useless. Several factors combine in making leading-edge separation from the
leeward surface of hypersonic vehicles particularly probable. Large angles of attack may be desir-
able for many hypersonic flight paths. Because high Mach number flows have smail limiting expan-
sion angles, much of the upper surface feels only the leakage flow from the boundary layer where
the Mach number is lower. The pressure rise due to the strong trailing-edge shock may be propa-
gated far forward through ihe thick hypersonic boundary layer, thus increasing the possibility of
leading-edge separation, Another factor enhancing the probability of separation is the likelihood of
the boundary {ayer being laminar with consequently thicker subsonic regions and at the same time
less able to overcome an adverse pressure gradient than the corresponding turbulent boundary
layer. The effectiveness of controls located entirely within the separated-flow region, such as
trailing-edge flaps or fins, would be nullified. On the other hand, flow separation over notches
(cavities) may advantageously be used to control the drag of a hypersonic vehicle; for essentially
the same average rate of heat transfer to a hypersenic vehicle, the drag may be increased by an
order of magnitude by the employment of notches in the surface of the vehicle, Separation influ-
ences both the type and the location of control devices. Spoilers, for example, would be ineffectual
on leeward surfaces of hypersonic vehicles even if they were near the leading edge. Positive
controls that always “‘see” the free stream are required,

Three-Dimensional and Unsteady Flow Effects

Separated-flow regions rarely are purely two-dimensional and usually are unsieady. Although much
insight into separation phenomena may be gained by using two-dimensional flow analyses, there

are important effects that inust be considered three-ditnensionally. One such effect is the large
venting of the separated region in front of a ramip of finite span. The fluid in the separated

region, having low velocity and relatively high pressure, expands readily into the low-pressure

stream at the tip, and the mass balance of the two-dimensional separation is upset. Another case is
that assoctated with the streamwise fiow in the corner at the juncture ofa fin and the surface of

the configuration. A strong vortex may be set up in such a corner with extreme rates of heat trans-
fer assoclated with the vortical motion. Another important three-dimensional effect is the coupling
effect of a control on another surface. The shock wave ahead of a blunt control or ahead of a
separated-flow region may impiige on a transverse surface. Thus, the deflection of a vertical fin or
rudder may cause nonsymmectrical separaticn on the horizontal surface and create an undesired
roliing or pitching moment. Particularly for separation occurring near the point of transition of a
laminar to turbulent boundary layer, the point ol separation and the associated shock wave may
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oscillate about some mean position. Large buffeting loads may be experienced on the surface and
on adjoining surfaces of the configuration. Unsteady flow in cavities in the surface of a missile may
also cause structural failure. Laminar boundary-layer separation with large center-of-pregsure shift
may be experienced at a small control deflection, while if the deflection is increased and then
decreased to its initial value, the separation may be turbulent with a far different value of pitching
moment because of the different center-of-pressure location. This hysteresis is extremely difficult
to predict, and can be quite dangerous.

In high Mach number flows, the pressure loads produced by compression surfaces are much greater than
those produced by expansion surfaces. Consequently, the most effective aerodynamic controls usually
employ deflections which involve compression of the local flow. Therefore, shock-induced separation,
either ahead of a compression surface or due to an incident shock, is the type most prevalent with hyper-
sonic controls and has been treated most extensively in the literature,

When separation occurs in high-speed flight, the changes in the pressure distribution and heat-transfer rate
can have catastrophic effects. Trim and stability are radically affected by sudden center-of-pressure shifts
and changes in pressure magnitude. Local hot spots at separation and reattachment points can cause failure
of thermal protection, Heat-transfer rates can also be greatly increased by streamwise vortices originating
from three-dimensional separations,

HYPERSONIC CONTROL EFFECTIVENESS

The method presented in this section to determine the aerodynamic control effectiveness at hypersonic
speeds is taken from reference 1. The method is intended for use over a broad range of flight conditions
encountered by a typical hypersonic cruise/glide vehicle. However, it should be noted that the semiempirical
correlation charts used in the method are based on presently available data covering a limited range of test
conditions and that the validity of extrapolations for conditions outside the experimental range has not
been established. The range of variables covered by experimental data is indicated on the correlation charts.

The flight conditions encountered by a typical hypersonic vehicle are illustrated by the altitude-velocity
envelop presented as sketch (c).
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For a given velocity the maximum attainable altitude is determined by the minimum dynamic pressure which
will sustain flight, and the minimum altitude is a function of the vehicle’s capability to withstand aerodyna-
mic heating. The Datcom method is restricted to free-stream flight conditions in the flight envelop for Mach
numbers greater than 5.0.
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The angle of attack of the vehicle is limited by vehicle performance and structural heating conditions. The
angle of attack below which the L/D ratio is favorable and structural heating is not excessive is approxi-
mately 20°, Therefore, the angle-of-attack range of the Datcom method is 0 = & = 20°. Since the study
conducted in connection with reference 1 was concerned primarily with flat-plate surfaces, the angle of
attack also represents the flow-deflection angle in the method that follows.

Tlie prediction method has been derived on the basis of compression-corner flow separation. It is limited to

the analysis of controls on windward surfaces, and is applicable only to regions where the assumption of two-
dimensional flow is valid,

In applying the method to complex three-dimensional configurations, the degree of deviation from two-
Limensional flow should be established so that the proper method of determining the local-flow properties
can be selected. Then the correlations presented herein can be applied to the separated-flow region. For such
approximations exact streamline direction is not as important as static pressure and Mach number. However,
there can be substantial reductions in control effectiveness due to finite span. Section V of reference | pre-
sents some insight into methods that can be employed to determine the degree of deviation from two-
Jimensional Nlow when the actual flow is three-dimensional. The use of flow-visualization studies, and length-
wise and spanwise pressure distributions on similar models are suggested, Reference 1 presents brief sum-
maries of separated three-dimensional flow on fin-plate configurations, flat surfaces with compression flaps
and end plates, and delta wings with variations (blunt leading edges, pyramidal configurations with and with-
out flat-bottom surfaces, etc.)

Since leeward surfaces in hypersonic flow are generally ineffective, the restriction of the method to the
analysis of controls on the windward surface is not a serious limitation,

For many practical cases the control surfaces are located near the trailing edge of essentially planar surfaces
and are sufficiently far from the ieading edge for bluntness effects to be negligible. For such cases, the local-
flow properties upstream of the control surface are approximately the same as flow conditions behind an

oblique shock, and oblique-shock properties can be used to define the locai-flow properties. The Datcom
method is restricted to cases of this sort.

I'te Datcom method consists of first determining the local-flow properties upstream of the control surface.
Then by using the local-flow properties, a complete pressure distribution is defined for compression-corner
flow separation in tzrms of interaction parameters and pressure levels for either laminar or turbulent
separated-flow conditions. Finally, the pressure distribution is integrated to obtain the two-dimensional force
and moment increments produced by separated compression-corner flow. Force and moment equations have
been developed in terms of the distances and pressure levels which define the pressure distribution. These
cquaticns are presented in the Datcom method.

he local-low conditions have been determined by using oblique-shock properties for a number of condi-
tions in the flight envelop, The design charts presented in this section include local-flow properties based on
botlh perfect-gas and equilibrium-real-gas assumptions. For the flight regimes where flow propertiesdeviate
from those given by oblique-shock theory for a perfect gas, equilibrium-real-gas effects have been determined
by means of similarity parameters from approximate theory and the effective ratio of specific heats presented
n reference 29 (see Sections 11T and VI of reference 1). In using the local-flow charts (figure 6.3.1-31

through -49) the equilibrium-real-gas curves are used for velocity-altitude conditions and flow-deflection
angles where the equilibrivm-real-gas value differs from the perfect-gas value.

The equations used for the prediction of the separated-flow pressure distributions are developed in reference 1.
Where applicable, the final equations are presented on the design charts of this section; however, the develop-
~ents of the semiempirical correlations for laminar and turbulent separated flows are not discussed herein.

In reference | the transition phenomenon is investigated and a criterion for establishing the location of
transition based on the results of Deem and Murphy (reference 30) is established. The minimum pressure
rise required to cause flow separation, and incipient-separation criteria for both laminar and turbulent flow,
avre based on test data,
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The charactenstics of the separated-flow region of a typical pressure profile are usioated in sketeh (d). _The
distance pzrameters are based on a common reference iine which is defined for varionus moJder L ontigurations
as 1 geometrical shock impingement point, hinge line {for corner flow), oy the forward face of a siey,
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Definition
length of the control (undeflected:
control chord

diameter of leading adge

distance of the control hings line messured from the nose o the cnv iy
control deflection, positive tratling sdge down

span of surface

axial-force coefficient
pressure coefficient
pitching-moment coefficient
normal-force coefficient

hinge moment
reference length
pressure

dynamic pressure

Reynolds number

reference area

temperature

velocity

longitudinal coordinate, measured from leading edge to point of wnteiest

angle of attack or flow-deflection angle

ratio of specific heats

boundary-layer thickness

shock-wave angle measured from upstream flow direction
angle associated with peometry of separation

leading-edge-sweep angle



Symbol

HL

MRP

Definition

SUBSCRIPTS
hinge line
incipient
moment reference point
plateau
local condition upstream of interaction
point where interaction begins
free stream
peak value, downstream portion of pressure distribution
transition point

center of pressure

wall
separation
SUPERSCRIPT
reference condition
DATCOM METHOD

The control effectiveness at hypersonic speeds of a deflected control located on the windward surface is
obtained from the procedure outlined in the following steps: **

Step 1.

Determine the local-flow conditions:

The ratios of pressure, temperature, Mach number, and Reynolds number behind an oblique
shock to their respective values in the free stream are obtained from figures 6.3.1-31, -37,
-43, and -49,respectively.

¥ ¥The subscript ¢ used throughout the Detcom method has two different mesnings as follows: (1) The value of the perameter being
considersd fa ita 10caf value upstresm of interection, sxamples being (Cpoo Xy + Py + Mgy - Rl :12) The value of the persmeter being
considered s its velue at some specific location downsetrsem of intersction, refarred to locsl conditions upstresm of intersction, sxamples

boind (Cpy )2+ (Pt In « (Cog Jp-
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Step 2.

Step 2.

Step 4.

6.3.1-12

The pressure coefficient upstream of the control surface. reered to free-strom conditions,
is given by

(PP )-1

Determine if the flow s lammsr or turbulent:

It is assuenzd that the state ot the houndary layer s eminar f « & x e ard tirbuieat if
X < Xy Baszd on the resulls of i>.em and Murphy (refe-ence 39) ané recent experiment.|
data, t!‘le folicwing expression for transition distancs is giver. ip refryence !

5.38x 107 +1.94x 102 Mg, - 3B/ (cos A)1/2
x, (feet) = — - 6.3.1-¢
(Rp fin.)?:
o

For contiguratiuns with no sweepback (A = 0), the state of the boundary layer at the hinge
line 1s obtained from figure G.3.1.55 as a function of(RQ \ and M, where
QyHL

(Rga)m T M (Rga)

Of course, if the transition Rovnolds number is known, then the trensition distance i £1v=0y

by x, = /& B wheie Ry s the Revnolds number per foo
! \ 'qa)xt// Co 7 o ’ per foot.

Deternune if flow separaiion exists:

Obtawn the pressure coefficicrit for incipient separation {Cn ) from figure 6 2 1-56 for
laminar flov o ligurz 6,317 for tirhoient tlow, Voo

Obtain the 1inz) pressure-rise cocfticicnt by

[y _ FaiPe)od
(G, 7 e AR
L) 'y . -

*;‘-*.‘j&.

“

whers T'y /b o5 obtuin~d from figure 6.3.1-52 a5 a tunction of Ma' For laminas tiow the
average of the iscutropic and sinpe-chock vatues should be vsed for M, < 6, and the single
shock vaiue shouid he used oy My 2 & For turhulent flow use the single-shock valua. if

{C S (Cy , the fiow s separated
CPaf2® o Pafine

Determune the seperation location if separated fl.w exists:

If low scparation ex:sts.or iterative proecedure is required 1o determine the separation loca-
tion. F¢r a given local Mach numher Ma, the upstream interaction distance dl 15 & functios
of the plateav-pressure level Py, which is a function of the Reynolds number at the mterac-

tion point (Rg )
W)X
. 0



Therefore, for any interaction point x_ a corresponding plateau-pressure level and upstream
interaction distance must be defined. In solving for the interaction location, the upstream
interaction distances corresponding to a number of assumed interaction locations are calcu-
lated until the point is found for which the sum of the downstream distance to the interaction
point and the upstream interaction distance is equal to the distance to the hinge line; i.e.,

"o+d1

= Xy - The procedure is as follows:

Assume an interaction location x, (For vehicles of practical dimensions the differ-
ence between x and Xy Will be small).

Calculate the Reynolds number for the assumed x, by ( RQ ) = X, ( R ),
o/ x 44

*o

from figure 6.3.1-59 or figure 6.3.1-60 for laminar or turbulent flow, respectively.

and obtain the plateau-pressure level (C ) as a function of (RQ ) and Ma
Pafp o

Obtain the upstream interaction distance, nondimensionalized by boundary-layer
thickness d, /8, asa function of (Cpa)r and M, from figure 6.3.1-61 or fig-

o,

ure 6.3.1-62 for laminar or turbulent flow, respectively,

For a given wall temperature, obtain the reference temperature Reynolds-number
ratio (RQ*/RQ ) as a function of T, /T, and M, from figure 6.3.1-63 or fig-
o

ure 6.3.1-64 for laminar or turbulent flow, respectively.

Calculate the reference temperature Reynolds number by RQ& = (RQ;/ R QQ)R 2y

and obtain the corresponding boundary-layer thickness & from figure 6.3.1-65 or
figure 6.3.1-66 for laminar or turbulent flow, respectively, by 6y = (60/\{%) L

Caiculate the upstream interaction dis_tance by d, = (d,; /8 o W o
Sum d, and x,. If d; + x_ * Xy » Tepeat the procedure until

dl + X, = Xgr-

Step 5. Having determined the separation point x o» define the windward pressure distribution (see
sketch (d)) as follows:

da.

b.

Calculate the Reynolds number forx b R = Ry ).
Y o 0Y ( Qa)xo Xo( 9a)

Obtain the plateau-pressure level (C_ ) as a function of (R ) and M_ from
. Pa'p QO! Xg @
figure 6.3.1-59 or figure 6.3.1-60 for laminar or turbulent flow, respectively.

Calculate the plateau pressure, referred to free-stream conditions, by

(Cpm)l’ = (Cl’a)r (;-5)2% + (Cl’m)tx 6.3.1d

o]

@®
where M,/M,, P, /B, . and (C )a are obtained from step 1.

Po
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d. Obtam the free interaction length nondimensionalized by boundary-layer thickness
/6 as a function of (Cp )P and M, from figure 6.3.1-67 or figure 6.3.1-68
[+4

for ldmmar or turbulent flow, respectively.

(4]

Calculate the free interaction length by €, ={¢ /5 Y& where § isthe
fi fi 0 o o

boundary-layer thickness determined as outlined in step 4e.

f. Obtain the upstream interaction distance nondimensionalized by boundary-layer
thickness d, /8 asa function of(Cp ) and M, from figure 6.3.1-61 or fig-
ale

ure 6.3.1-62 for laminar or turbulent flow, respectively.

g Calculate the upstream interaction distance by d, = (d, 16,18, .

h.  Obtain the downstream interaction length d, from figure 6.3.1-69 or fig-
ure 6.3.1-70 for laminar or turbulent flow, respectively.

i Determine the downstream interaction length to the pressure rise d,. For turbulent
ftow d; = 0. For laminar flow the ratio 1:13/d1 is obtained from flgure 6.3.1-71
as a functlon of flap deflection &, and the equivalent flow-deflection angle ¢ for

Coaly

The equivalent flow-deflection angle for (Cp )p may be obtained as a
o

function of the shock-wave angle @ and M,. The shock-wave angle is

given by
. " [ 6(Pp/P,)+ 1 .
= sin T o 20
(M,)?
where
Py
84 2 ,
R A + 6.3.1-
Fo ™ (oo T 0 0 %

Enter figure 4.4.1-81 with 6 and M, andread ¢ =8| .

j. Calculate the peak flap pressure, referred to free-stream conditions, by

c = (C Ma)' Pa ,
( pcn)Z - (Pa)z M, E+(Cpm)a 6.3.1¢

where M /M " /P , and (C z are obtained from step 1, and (Cp

)is
a2

obtained from step 2 (equation én

Step 6.  The windward pressure distribution may now be constructed as illustrated in sketch {e).
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WINDWARD PRESSURE DISTRIBUTION

P X - 'pw)Q

X -
SKETCH (e)

Step7. The two-dimensional force and moment increments produced on the windward surface of a

deflected control are given by
Normal-force increment:
AC,S g d,
= [C - C )ld -— t+cosb.c. ]+ |{C - {C (cos b)) e, - - —] (ft}
b (Pm)p (Pma 12 £ (Pm)z (pm),, A LA T

6.3.1-h

Increment of pitching moment about HL due to normal force increment:

(inz (_in](dl) (d,»’ C‘”‘Z‘Sr(cfl-
- I(Cpm)P_(Cpm)Cxl [‘g)’ T ] )J

[(ACm)HLSL

b lACN 2 2

, [(cf)2 (@,)* d,d, (d,)? 2
- (€ - \ I A BT .
[(Co)s ™ (Conle] (05720 | = e e | 6.3.1-

Center of pressure of normal-force increment, measured from the MRP, negative aft:

(eplacy = Our Xyep * ol 6.3.1

N

Axial-force increment:

AC, S

A

(ft) 6.3.1-k

d2 CI3
- (sindp) I(Cpm)l‘- (C"m)txl “* I(C"m)z ) (C"m)Pl [c" 2 ?]
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Increment of pitching moment about HL due to axial-force increment:

2
[(Ac‘m) HL SL} (cf)
__ " = _{einl ) -
( " Ac, (sin?8,) [(Cpm)r (CPm)a] 3
() @) dydy (dy)?
+ C - - - - 2 ) . -
[( Pl (Cvm)pl [ 2 6 3 6 (ft) 6.3.1-1
Center of pressure of axial-force increment, measured from the MRP, positive down:
(Zeplac, = 2uL- ac, (ft) 6.3.1-m

increment of pitching moment about vehicle MRP:
(S AC)S
(AC, )ygpS L] _ [Mm(xm)] - [.(_.._A)_(z;p.)] (ft)? 6.3.1-n
b b Acy b .. ac,

Windward component of control hinge moment (based on absofute pressure):

%%d“ ) '{(C"m)z _(_Cg_)f '% l(cpm)z ) (Cvm)p] I("z)2 Ydydy (dg)zl} (ft)? 6.3.1-0

An approximate correction for the effect of finite control span on the two-dimensional pressure distri-
bution in the separated region over the control is presented as figure 6.3.1-72. This empirical correlation,
taken from reference 1, is based on a limited amount of test data. Unfortunately, not enough test data
are available for partial-span control effect to identify the effects of Mach number, Reynolds number,

or control position. ‘

Two sample probleins are presented at the conclusion of this section. The first sample problem is straight-
forward in that the Datcom method is directly applicable. The second sample problem illustrates an applica-
tion of the method! to a flight condition where the separated region extends forward to the leading edge of
the configuration.

It should be recalled that the use of oblique-shock relations implies small leading-edge-bluntness effects and
negligible viscous effects. On bodies with a blunted leading edge, pressure near the leading edge will be higher
than that predicted by the oblique-shock theory. When lzading-edge bluntness is not zero, the actual value

for Mgy will be between that given by oblique-shock and shock-ioss theories. Values of M. on surfaces with
leading edges of various bluntness dimensions were obtained from test data during the anaﬁrsis conducted in
connection with reference 1. It is suggested therein that oblique-shock properties result in acceptable values
of local Mach number M, for

X
0.1375 == + 2.0
dl.E

M

x

>1.0
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1f the leading-edge bluntness is comparatively large, the local-tlow properties should be calculated by other
available methods, such as tangent-wedge, blast-wave, or the Moecke! shock-loss theory (reference 31). Blunt
leading edges nr large viscous-induced pressure gradients also reduce the boundary-layer thickness. Tte effects
of leading-edge bluntness and viscous interaction on the flow properties along a body surface are discussed in
Section 11l of reference 1.

Sample Problems

L.

Given: A two-dimensionat flat plate with negligible thickness.

8.0 o

50 | XHL

’ ! |
c X === S F O
— L N S P~

. J MRP

L = 1006t Xypp =50ft %y =80ft 2, =0 c=20ft
6, = 10° Ry, = 1.06 x 10° per ft

Aliitude: 150,000 ft P, = 2841b/(f2 Ty, = 480°R

T,= 1500°R a = 159  Negligible viscous interaction (assumed)
M_ =100
Compute:

Determine the local flow conditions:

P

2 = [3.5 (figure 6.3.1-31¢)
Pcn
AT(X
T = 3.0 (figure 6.3.1-37¢) (equilibrium real gas)
=5
M, = 5.5 (figure 6.3.1-43¢) (equilibrium real gas)
Ry
< = 1.94 (figure 6.3.1-49¢) (equilibrium real gas)
Rgm
To
To = Tog = 1440° R
Re
- __Ol= h] f
Reoc Ry - R, 2.06 x 10° per ft

o
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(P /P_)-1 13.5-1

C =X . 135 = 0.179 (equation 6.3.1-a)
Poor A 2 1.4 2
-,;M o 5 19

Determine if the flow is laminar or turbulent:

= = 5 = 6
(Rfa)m XL (R,Za) (8.0)(2.06 x 105) = 1.648x 10
At (Rga)m. and M,, figure 6.3.1-55 indicates a laminar boundary layer at the hinge line.
Determine if separation exists:
(o ) = 0.020 (figure 6.3.1-56)
Pafine

P
2

-P— = 3.12 (figure 6.3.1-58) (average of isentropic and single-shock values)
[

(Py/Py) -1 3.12-1
(Cp ) = = = 0.100 (equation 6.3.1)
/2 _'Y_MZ -1_4 5 5)2
2@ 2

Since (C > {C » the flow is separated.
P2 Paline

Determine the separation location (see step 4 of Datcom method for iteration procedure):

First iteration (assume X, 7.0 ft)

(Rﬂa)xo = X, (Rea)

(7.0) (2.06 x 105) = 1.442 x 106

(c ) = 0.0185 (figure 6.3.1-59)
Pa)y
d
—L = 2000 (figure 6.3.1-61)
60
T
v 00
T, 1440
Rg*
8 = 0.28 (figure 6.3.163)
R(I
Rg*
Rg% = Ro | ——)= (2.06 x10%) (0.28) = 5.768 x 10* per ft
RLQ
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0.0215 (figure 6.3.1-65)

U xO
60
) = /X = (/7.0) (0.0215) = 0.057 ft
o \/—; ‘f?(:
dl
d =§ |—) = (0.057)(20.0) = 1.14ft
1 °o\5
[+ }
d,+x, = 1.14+7.0 = B.14ft>x,, . Try a second iteration.

[

Second iteration (assume X, 6.5 it)

(Rga)x = x, (Rna)= (6.5) (2.06 x 10%) = 1.339x 108

C = 0.019 (figure 6.3.1-59)
Por
dl

21.5 (figure 6.3.1-61)

B

8

o

‘/x__ 0.0215 (calculation to determine §_/ /x, is same as first iteration)
0

5

[}

5, = qu\/x_o. = f6.5 (0.0215) = 0.055 ft

dl
4, =38, (.s_) = (0.055)(21.5) = 1.183 ft

0

d, +x, = L183+6.50 = 7.683ft < xg,

The flow separation point is now determined graphically. x = 6.85 ft

8.4
8.2 on
x, + d, FIRST ITERAT oI —
8.0 XL —
FLOW SEPARATION
AT x = 6.85
7.8
SECOND }TERA'II'ION
7.6 y —
6.0 6.5 x 7.0

6.3.1-19



Define the windward pressure distribution:

(RE&)KO

(C" nr)r

Ry ) = (6.85)(2.06 x 10°) = 1.41 x 106
xo(Qa) (6.85) (2.06 x 10%) x 10

G.019 (figure 6.3.1-59)

» M.\ P, _
(CPQ)P M—m- 1 (CPm)a (equation 6.3.1-d)

@

g
&
-
I

5.5 )2
= (0.019) (To_o") (13.5) + 0.179= 0.257

6_‘ = 8.0 (figure 6.3.1-67)

& .
8, = X \/xi = \/6.85(0.0215) = 0.056 ft
a

e
=8, 5/ = (0056)(80) = 0448 1y
dl
—— = 214 (figure 6.3.1-61)
60

dl
4 = & {37] = (0.056) 21.4)= 120 1

o
L 20 theres 2 2_ 0,506
—_— = -+ > 1; therefore, =—= 0, fi 6.3.169
d, 120 Jep@p 4 (figure )

d

2

d, =d, (—d—> = {(1.20) (0.506) = 0.607 ft
i

Equivalent flow deflection angle for (Cp )p
o

i

v
C - 2 i -
( Pa)r 5 (Mg)* + 1 (equation 6.3.1-f)

1.4
(0.019) (T)(S.S)z +1 = 1,402
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6(Pp/Py) + 1
# = sin’! ——— {equation 6.3.1-¢)
1(Mg)?
) +1
sin™! saaD+1 12.2°
7(5.5)

¢ = 2.6°(¢= 18lat My and & from figure 4.4.1-81)
dy
— = 0.35 (figure 6.3.1-71)
d
d,
d, = dl d—' = (1.20)¢0.35) = G.42ft
1

(Cptx)z (T[:dt[_a) _;0_! + (Cpm)a (equation 6.3.1-g)
@ ©

_uf')
8
N ——
™
[}

5.5\
= (0. — 13.5}+ (0.179)= 0.587
(0.100) (10.0) { Y+ ( )
d;
d
2|
1.0 i
.8
X
CpOc . HL
xO
.6 —(0.587
t— d , —e

—0.257

b
|
e
=
2
o
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Solution:

Normal-force increment:

255 Qri d, dy
b B [(pr)P ) (Cpm)a] d, - 5 + cos afc[ + [(Cpm')2 - (Cpm)l’] (cos ﬁr) [o::r Ty _2_J

(equation 6.3.1-h)

0.448
= [(0.257)-(0.179)] [1.20— +(0.985)(2,0)]
0.607 0.42
+ [(0.587) - (0.257)] (0.985) {2.0 S

0.713 ft

Increment of pitching moment about HL due to normal force increment:

(ACm)HLSL] (%) (in)(dl)z @2 cos? 5f(cf)z]
b Acy ¥ ]

6 2 2 2

il
[r———
@)
-
8
la -]
lle)
=]
8
e T
&

()’ (dy)?  (d,dy)  (d,)?
- . 2 — _ -
[(c pw)z (Cpm)p_ (cos? 8,) | — c - -

(equation 6.3.1-)

2 2

[(0.257) - (0.179)] [(0-443) _ (0.448)(1.20)  (1.20)
6 2 5

_ (0.985)% (2.0)?

S

(2.0} (0.607)2
6

] - [(0.587) - (0.257}] (0.985)2 {

_(0.607)(0.42)  (0.42)?
6 6
= -0.713 (ft)2

Center of pressure for normal-force increment referred to MRP:

HAC )y Ll ac

(xc.p.)AcN ==(Xy - Xurp) T AC, N (equation 6.3.1-)

N

-0.713

{8.0-5.00+
¢ >0) 0.713

13

~4.00 ft (4.00 feet aft of MRP)
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Axial-force increment:

AC, S

0.607 0. 42
(0.174) {[(0.257)- (0.179) (2.0) + [(0.587)-(0.257)] 0-———-—— - —_—

0.1125 ft

Increment of pitching moment about HL due to axial force:

(Acm )HLSL " c (cf)2 e " ] (2-)2
b Ac, = sin” 5) [CPm p- Pma 2 [( Pm)z (Pu,)p 2

Lo 22 _.]l(equatlon63 1-2)

2
= -(0.174)2 ‘[(0.257)-(0.[‘79)] (2'2) + [{0.587) - (0.257))

(20 (0.607)" (0.607)(0.42) (0.42)2”
"6 6 6

= .0.0234 (ft)?

Center of pressure of axial-force increment:

((AC, Dy L]ACA
(zc.p.)AC =Zy, - AC (equation 6.3.1-m)

A A
0 (-0.0234)
0.1125

0.208 (ft)

]

1

[ncrement of pitching moment about vehicie MRP: )
AC S (A(‘ )S (AC,)S
b b tep.
Cn ac,

= (0.713) (-4.00) - (0.1 125) (0.208) = -2.875(ft)?

Windward component of control hinge moment (based on absolute pressure):

HMz-C E_l_ C C [d)2+dd+d2 . 6.3.1
“bq pm)z 7 "% (Pm)zq( pm)l’] (d, 293 +(@)* ] [ (equation 6.3.1-0)

v = (sin §;) [(pr)P - (Cl’m)or] c + [ ] [ - —;— - —” {equation 6.3.1-k]

6
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2.

2
- {0.537)&2—;2 - % [(0.587) - (0.257)]((0.607)% + (0.607) (0.42) + (0.42)?}

- 1,130 (ft)?

Given: A two-dimensional flat plate with negligible thickness.

ol
8.0 "1

X
5.0 =|1 IH"

@ ’ El\-—-MRP N

z
L =100ft xyg, = 50ft Xy = B8.0ft 2y, =0
¢, = 20ft 8 = 10° Rg_ = 3.27x 10* per ft
Altitude: 200,000 ft P, = 0.413 Iv/(ft)? T, = 458°R
T, = 2000°R @ = 10° Negligible viscous interaction (assumed)
M, =20
Compute:

Determine the local-flow conditions:

6.3.1-24

= 21 (figure 6.3.1-31d) (equilibrium real gas)

4.30 (figure 6.3.1-37d) (equilibrium real gas)

9.80 (figure 6.3.1-43d) (equilibrium real gas)

1.87 (figure 6.3.1-49d) (equilibrium real gas)

- Ta o
= TQ?- = 1970°R

-]



Ry

o
R =Ry — = 611 x 104 ft
9 per
o Qngm
c (Py/Po) - 1 21.0-1
( pe)a _— = T2 : = 0.071 (equation 6.3.1-a)
—sz 5 {20)

Determine if the flow is laminar or turbulent:
1 = %Xy, (Rp = (8.0)(6.11 x 10*) = 4.9x 10%
(Rga) o - ML ( Qa) (8.0) )

At (Rga)m. and M, figure 6.3.1-55 indicates a laminar boundary layer.

Determine if separation exists:

(c ) = 0.019 (figure 6.3.1-56)
Povfine

P,

Py

Crals

Since (CPoz)z > (Cl’oz)inc' the flow is separated.

= 6.80 (figure 6.3.1-58) (single-shock value)

(P, /P 1 .80-1
- - = 0.0863 (equation 6.3.1-¢)

1.4
—(9.8)?
5 9:8)

LEVYY)
—2'41

Determine the separation location (see step 4 of Datcom methoa for iteration proceduse):

First iteration (assume x o = 1-0ft)
= = (7.0)(6.1! x 10*) = 4.277x10°
(Rﬂrx)x o Yo (Rga) 7.0 x 107 X

C ) = 0.0185 (figure 6.3.1-59)
Palp

——

d
L <10 (figure 6.3.1-61)
80
Tw - 2000 o1s

T, 1970 =~
Ro*

o

= 0.079 (figure 6.3.1-63)

Rg
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6.3.1-26

Rg*

Rg* = Ry = (6.11x 10*) (0.079) = 4.83x10°
o o RQ(!

80
= = 0.075 (figure 6.3.1-65)

50
xo

6, =\/3T°_ ,/—_ = /7.0 (0.075) = 0.199 ft

d
4, = 5°(s_1) = (0.199) (110) = 21.89 ft

-]

dy +x, = 21.89+7.0 = 28.89ft > xy, . Try a second iteration.

Second iteration (assume x, = 4.0 ft)

(Rﬂa)x = x, (R,Za) = (4.0)(6.11 x 10%) = 2.444x 108

0.023 (figure 6.3.1-59)

o)
- d
B
he ]

]

d
6—' = 230 (figure 6.3.1-61)
[+]
5
\/:- = 0.075 (calculation to determine & o I‘/xo is same as first iteration)
X
]
§
8, = "o‘/—"f‘ = /4.0 (0.075)=0.150 ft
[+]

on

d
d, = 60( ) = (0.150)(230) = 34.501ft
o

d, +x, = 3450+ 4.0 = 38.50ft > xy . Try a third iteration.

Thisd iteration (assume X, 2.0 ft)

(Rga)x,, %o (Rﬂa)
(Cog)y = 00255 figure 6.3.1-59)

d
HBL = 350 (figure 6.3.1-61)

(-]

L]
]

(2.0)(6.11 x 10%) = 1.222x 10°

[}



5O

NEn

= 0.075 (calculation to determine 60/ /x0 is same as first and second iteration)

=/2.0 (0.075) = 0.106 ft

,
=2}
|

50
XO

o‘\/’?r

=B
—
Il

d
b, (ﬁ—l> = (0.106) (350) = 37.10 ft

Q

tx, = 37.10+2.0 = 3910 ft > x

1 HL

The magnitudes of d, from the iterations indicate that the region of separation extends forward to

the leading edge of the plate. For this case it is assumed that the plateau-pressure region extends
forward to the leading edge. Then, d,= Xy and Qf. = 0 (see sketch (d)).
]

Define the windward pressure distribution:

Assume the plateau pressure corresponds to the wedge pressure for a local flow deflection angle of
¢ degrees as illustrated below.

- —

Then, by using d,, dZ’ and 8. the angle ¢ can be defined. Knowing ¢ the plateau-pressure
level is obtained by using oblique-shock relations.

Assume d, = XgL = 8.0 ft

i 2.0 0.25 £ 0.25; theref: i 2d2 0.475 (fi 6.3.1-69)
— = — = (). = U, N erelfore, = —-— = U 1gure 0.3.1-
d, 80 JEp (@) d, &
0.475 d,
d, == 1.90 ft
d,sind
® = tapl — 2% - tap] (1.90) (0.174)
d, +d, cos 5, 8.0 + (1.90) (0.985)

tan’! 0.0335 = 1.90

<
ft

7.259 (8 is obtained from figure 4.4.1-81 at M, =98 and ¢ = 158'1)
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M, sin® 6 -1
—_ = (equation 6.3.1-e)
P 6

7(9.8)? (sin 7.259)% - 1

= 1.62

il

(C ) = (equation 6.3.1-f)
Pajp

(1.62)-1

2('

0.00922

I

C <&>2&+ C ( tion 6.3.1-d
= (Pa)i’ AR (Pm)a equation 6.3.1-d)

9.8 \?
(0.00922)(20 0) (21)+0.071 = 0.117

_5(')
8 _
-
I

= 0.250 (figure 6.3.1-71)

d3
, =alg) ot (8.0) (0.25)

(see sketch (d)). Therefore, let d,

T

|e

S
i

1

=%
|

2.0 ft. However, d, must be less than or equal to d,

"

d, =1.90ft

Ma ’ PO!
C } =(C — ] =+ (C tion 6.3.1-
o)™ Crah i) 7 ™ (e Ccoustionete

0 08«53)(9‘8 )2 (21)+0.071 = 0.506
’ 20.0 ’ ’

The windward pressure distribution is illustrated in the following sketch. The solutions for the force and
moment increments are not shown,since the use of equations 6.3.1-h through 6.3.1-0 is illustrated in sample
problem 1.
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(b) Altitude = 100,000 ft
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{d) Altitude = 200,000 ft
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(e) Altitude = 250,000 ft
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(f) Altitude = 300,000 ft
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(b) Altitude = 100,000 ft
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(c) Altitude = 150,000 ft
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L L}

T T I
{EQUILIBRIUM REAL GAS
PERFECT GAS

12

b

//
// 4
/ //
-

ér
-

0 4 8 12
ANGLE OF ATTACK, a (deg)
FIGURE 6.3.1-37(CONTD)

16

6.3.1-4]



6.3.1a2

() Altitude = 300,000 ft
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(b) Altitude = 100,000 ft
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(¢) Altitude = 150,000 ft
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(d) Altitude = 200,000 ft
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(e) Altitude = 250,000 ft
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(f) Altitude = 300,000 ft
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(b) Altitude = 100,000 ft
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(c) Altitude = 150,000 ft
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(d) Altitude = 200,000 ft
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(e) Altitude = 250,000 ft
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6.3.2 TRANSVERSEJET CONTROL EFFLCTIVENESS

The interest in evaluating the feasibahity of using transverse et contiol systens ou highspeed
Night vehicles within the chinespher: has created the peed sor estabashing piesviniweg design

methods for predieting transverse-jot vontrel effectivenes,.

This section presents o procedure, inken from refercnce 1o Lov sozmp o bwondnie o oncd

verse ot vontral systeim an iy porsan dow

A transverse-jet control syslent g control systein Tl Uats She 0T i s o shosets Dlow
separition generdly ity the use of conventional tlap-type systemss howerer, aorves on ihe
busic pirenomenon 11 achicving 4r effective tiansverse-jet control system. The jel spoifor oratites
flow separation in the tegion sunounding the jet by forcing the peimary How (o ture around the
ahstruction created hy the jet exhaust. Transverse-jet coniral systems v oiten referred fooay
jet-nteraction control systems o emphasize the important contribution vrovuded by the e

mteraction phenomenon.

Transverse-jet control systems comsist ol a varety of ditferent rypes amd sizes b throst wats
mounted on acrodynamic surlaces. Phe thrust can be provided by solid or Hguid propediiant
rocket engines or bleed-thrust control units These thrust units mav be large single unils or
group of smatl units strategically tocated.

In analyzing the performance ot trunsverse jets, several theories have been developed that provide
estimates of the principal parameters wpstream and downstream of the nezzle, However, the
complexity of the interaction has prevented obtaining a detailed physical description of the Mow
field. This has restricted investigators to limiting the scope of their analyses until tundamentals
of the flow have been {irmly established. Thus, the Datcom method presented herein s subjest
to limitations. The primary restriction fimits analyses to two-dimensional nozzles Considerable
effort (references 2, 3, 4, and 5) has been directed towards analyzing the three-dimensional
problem; however, no acceptable design methods are currently availuble. The other limiting
condition pertains to the pressure forces downstream olf the nozzle exit, Becatise of the
conflicting theories regarding the merits of the dowastream forces, all nozdes s cxpmed 1> be
located at the aft end of their respective surfaces. Thus, mo consideration is gacn Lo posable
aft-end forces in the Datcom method: however, they are considerad i e divonssiom of
interaction forces.

The advantages (reference 6) of transverse jets in high-speed flow in compatimoin voth comen-
tional aerodynamic control systems have provided the impetus for investigating the possible
implementation of transverse-jet controb systems. The primary advantage is the posabriny o
achieving control forces greater than the impulse provided by the ot reactions Ths Dnvieusod
force or amplification is due to the Lvorable interaction of the wansyerse jof oweih tie Joe,
stream flow. The jet interaction substantislly alters the surface pressuie dustnbeation aed resitlts
in large additional surrace loads. which augment the smuple reaction loree of the jot. Experi-
mental tests have indicated thut properly designed systems can aciieve iaiceovtion {orces Hat
exceed the reaction jet force by lactors of {our or [ive.
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A second advantage is the possible reduced control response time for transverse jets in compari-
son to conventional systems. This reduced response time enables the vehicle to be designed with
less static stability. A potential increase in reliability provides a third advantage, since redundance
is more readily achieved with a less severe weight penalty than for conventional systems and
because rocket technology is felt to be more advanced than the technology involved in building
high-speed actuators and the integral components reguired to operate in an extreme temperature
environment. Another benefit is the wide range of flight conditions in which transverse jets can
provide control forces, as compared with the limited envelope for conventional systems. Improve-
ments are alse derived from the elimination of structural problems associated with control
surfaces and related heat-transfer problems prevalent in hypersonic flow.

Inherent with transverse jets are many problems and disadvantages which must be solved or
accounted for before successful implementation can be achieved. The most crucial problem is the
lack of a thorough knowledge involving the jet-interaction process. This prevents formulating a
completely reliable prediction technique. Distinct disadvantages are the weight penalties imposed
by the propulsion system and the limited quantity of propellant available for a given mission.
Associated problems are also encountered in the growth potential when mission requirements
change.

An evaluation and design comparison of transverse-jet controls and conventional aerodynamic
control systems are presented in reference 6. The conclusions of the report are: (1) high L/D
re-entry vehicles with the vehicle trimmed to maximum L/D are favorable to transverse-jet
control systems, if trajectory control by roll control is used; (2) if a winged re-entry vehicle is to
be maneuvered in pitch to angles appreciably different from the angle of attack required for
maximum L/D, conventional flap-type aerodynamic controls are preferable. Additional compari-
sons regarding transverse jets, solid spoilers, and flap deflections can be found in references 6
and 7.

In order that the Datcom user may better understand the control-effectiveness methods
p-esented in this section, a general discussion of hypersonic-flow separation and the effect of the
jet-interaction phenomena upon augmenting the control force is presented. This general
discussion is essentailly quoted from Section 6.3.1 of the Datcom and from reference 1. A more
detailed description of hypersonic-flow separation and jet-interaction phenomena can be found in
references 1, 2, 3, 4, and 8. A summary of the literature pertaining to transverse jets can be
found in reference 9. A summation of the contents of each document is given, along with a
qualitative discussion of the data and/or theory presented.

Hypersonic-Flow Separation

Separited flows are characterized by the prevailing type of boundary layer: laminar, turbulent,
or transitional. The pressure rise and the extent of the separated region depend upon the
characteristics of the boundary layer.

In general, boundary-layer separation occurs whenever the streamwise pressure increase along a
surface 1s sufficient to overcome the forces acting to accelerate a fluid particle, or when the
streamline curvature necessary to follow the surface contour cannot be sustained by the pressure
gradient normal to the surface. In steady-flow aerodynamics the only forces acting to accelerate
the low-momentum fluid near the wall against a pressure gradient are the shear forces between
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layers of fluid. Because the momentum of the fluid near the wall is quite low, a relatively small
amount of deceleration by the pressure gradient is sufficient to bring about separation, Turbulent
flow helps to delay the occurrence of separation, because the turbulent fluctuations increase the
effective shear forces and thereby increase the adverse pressure force necessary to reverse the
flow of the fluid near the wall.

The greatly increased effective viscosity due to turbulent fluctuations enables the equilibriiim
between pressure and shear forces near the wall to occur at much greater adverse pressure rises in
a turbulent boundary layer. Because of the connection between pressure rise and flow turning
angle, this higher pressure corresponds to a much shorter, thicker separated zone for the same
initial boundary-layer thickness. Cases presented by Schlichting {reference 10) and Howarth
{reference 11) show turbulent pressure rises twice the laminar ones; whereas the laminar
separation zone extends much farther than the turbulent one.

A similar thickening (and simultaneous pressure rise) occurs in a transitional separation when the
mixing zone becomes turbulent and the downstream flow soon approaches a condition very
similar to the equivalent turbulent separation. Upstream of the transition point, the flow has the
character of the corresponding laminar separation zone. The location of the transition point
therefore plays a significant role in determining the pressure distribution (see references 12

and 13),
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Present indications are that shock-induced laminar-separation pressure distributions, and to a
limited extent turbulent ones, are independent of the type of disturbing force that produces
separation (see reference 12). However, the turbulent peak pressure rise often depends signifi-
cantly on the disturbing force (references 12 and 14 through 17). This difference in dependence
can probably be attributed to the greatly increased effective viscosity in turbulent flow, enabling
the wall contour within the separated zone to transmit its effect more strongly to the cuter
flow.

Typical jet-interaction flow fields for laminar and turbulent boundary layers are presented in
sketches (a) and (b), respectively (reference 1).

_—-SHFAR LAYER
o

/ .
SECONDARY SHOCK - T
SEPARATION SHOCK— - ;g;l?ﬂﬁ“w
AN P . 5:_ IC Liry
-~ a - \ / -
M,.P, /M/ -~
Py V =a* \
Ve A h O —REATTACHMFNT
- -7l D \ Cy SHOCK
LT R W////////////V///
‘: —+JET SHOCKS
¢ UPSTREAM OVER-ALL
PLATEAU PRESSURE RISE ,
OR INFLECTION PRESSURE RISE, P, /P, |
PRESSURE, P, /P | DOWNSTREAM OVER-ALL
PRESSURE RISE, P,/P,

1.0 i B ey’ Ay A

|

kI
L[_‘ L X, X, X3 Xp X,

/ Vs S

SKETCH (b)
JET INTERACTION FLOW MODEL FOR TURBULENT SEPARATION

For the upstream region, laminar boundary-layer separation has a characteristic plateau where the
pressure remains almost constant over most of the separated flow region. The plateau pressure
level depends only on local flow conditions at the location of the separation point (sec referenze
12). The upstream turbulent boundary-layer-separation pressure distribution is not characterized
by a long pressure plateau region as in the case of laminar separation. Instcad, the turbulent
separation produces an increasing pressure gradient that exhibits an inflection point or a very

6.3.24



short plateau’ pressure, which appears to be dependent only upon the Mach number. Although
some discrepancies exist in the literature (references 1, 4, and 18) regarding upstream pressure
trends with boundary-layer condition, the majority of the later references indicate that larger
' upstream ‘forces are exhibited for faminar separated boundary layers. These larger forces can be
attributed to the integrated loads for the longer, lower pressure regions of laminar flow, being
larger than those for the shorter, higher pressure regions of turbulent flow.

The problem of locating the boundary-layer transition point is one that has received wide-spread
attention from theoreticians and, experimentalists. However, no universally applicable prediction
technique has been obtained. The best approach for predicting the transition point is to examine
wind-tunne! data that most nearly approximate the actual flow conditions. Techniques for
correlating the transition data from various sources are available. Reference 19 presents one such
-technique for correlating data for cone-shaped configurations. In the absence of similar wind-
tunnel data, the method presented in the Datcom can serve as an approximate estimation for
determining the state of the boundary layer or transition point.

Jet-Interaction Phenomena

The most prominent feature of jet-interaction phenomena is the formation of a strong jet shock
that is nearly normal to the jet flow direction, resulting in a recompression and subsonic flow on
the downstream side of the nozzle., Reference 8 indicates that because the injected stream must
be turned by the primary flow, it acts as an obstruction, and as such, produces a strong shock in
the primary flow. This shock interacts with the boundary layer on the wall and causes it to
separate. Both the initial shock and the resulting boundary-layer separation produce a region of
high pressure near the point of injection. This is the source of the interaction force that
augments the simple reaction force of the jet.

Kaufman, in reference 20, describes the interaction pressure downstream of the nozzle as
characteristically having a low-pressure region followed by a pressure rise to the reattachment
value. At reattachment, the pressure can be either larger. or_ smaller than the undisturbed
free-stream pressure. Downstream of reattachment, the pressure approaches its undisturbed value
asymptotically.

The low-pressure region downstream of the nozzle can have an adverse effect on the interaction
force if the nozzle is not located at the aft end. However, the increasing pressure at reattachment
can in some cases predominate, vielding a favorable force if the aft end of the surface is of
sufficient length to capture the major portion of the positive pressure region.

The reattachment of the boundary layer downstream of the jet is not well understood.
Experiments have indicated a pressure rise similar to that at separation, with the gradient at
reattachment usually being in excess of that at separation.

The downstream pressure distributions have frequently been compared to pressure distributions
behind rearward-facing steps. These pressure distributions have been estimated by using various
base-flow analyses. As indicated by Kaufman (reference 20), determining the proper start
conditions for the base-flow models has been difficult. This is due to the existence of large
gradients in the flow and no detailed flow-field measurements in this region to guide the
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selection of the proper jet-flow conditions to be utilized as the initial conditions in the base-flow
snalyses.

As stated earlier, the Datcom method does not account for aft-end forces, because all nozzles are
assumed to be located at the aft end of their respective surfaces.

Three-Dimensional Effects

Three-dimensional flow fields result from low-aspect-ratio jets located on both flat plates and
more complicated bodies. Reference 2 presents a description of the flow field and the relative
differences between two- and three-dimensional flow. The more salient aspects are presented here
for the reader’s benefit.

Three-dimensional effects in the jet-interaction flow field are not well understood quantitatively.
This is partly due to the fact that less effort has been devoted to the three-dimensional problem,
but more significantly because of the general complexity of three-dimensional flow. The
houndary-layerseparation problem alone is not very well understood for three-dimensional flow.
Unfortunately, the more significant differences between two- and three-dimensional flow fields
are observed fo be the extent of the boundary-layer separation and the geometry of the shocks.
‘n contrast to two-dimensional flow, the three-dimensional boundary-layer separafion is greatly
s~duced as a result of the lateral flow component, allowing the boundary layer to bleed off
sround the sides of the plume. This minimizes the viscous effects and creates a largely inviscid
phenomenon.

The most obvious concern with three-dimensional flow is the possible loss in effectiveness due to
end effects. However, reference 5 points out that integration of the pressure distribution over a
7<degree cone shows that the normal-force coefficient obtained is the same as the normal-force
voefficient per unit span of a two-dimensional jet with the same jet mass flux. This behavior is
attributed to a favorable interaction between the cross flow and the main stream, which increases
the effective span of the jet. However, this conclusion was based on limited test data and has not
been corroborated for various flow conditions.

Unlike a jet on a flat plate, an adverse interaction has been observed to occur frequently on
three-dimensional bodies. This is attributed to the effect of “wraparound,” i.e., the propagation
of the disturbance to the sides or the underside of the body. Much of the interaction force
created by three-dimensional nozzles results from the high-pressure region immediately behind
the bow shock, which forms a hyperbolic high-pressure ridge on the surface of the body
extending out from the region of the nozzle. In addition, the low-pressure region directly
downstream of the nozzle, which has an adverse effect on the interaction force, is virtually as
effective on a cylindrical body as on a flat plate; therefore, negative interaction forces commonly
occur on such vehicles.

Although the existing method of analysis in reference 2 provides fair agreement with
experimental data, additional sophistication in the shock-body interaction analysis is
contemplated, and improved correlation is expected. References 4, 5, 18, and 21 offer additional
information regarding the pressure distributions and jet-interaction phenomena for three-
dimensional flow.
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Jot-interaction Control Effectiveness

For obvious reasons it is desirable to obtain the highest possible jet-interacficm' forces. This leads
to the consideration of various nozzle inclination angles. Figure 6.3.2-41 (reference 1) preserits
the amplification factor versus injection angle for various values of nozzle exit velocities and
normal sonic amplification factors. From this figure it can be seen that substantial gains in
performance may be achieved by inclining the nozzle upstream, provided that large amplification
factors (control force normal to wall normalized with respect to vacuum thrust of sonic nozzle)
are realized from a normal sonic nozzle. The reason for this is apparent when it is realized that
inclining the nozzle upstream tends to increase the interaction force and to decrease the normal
component of thrust. Hence, if only a moderate interaction force is realized for a normal sonic
nozzle, then little may be gained by upstream injection because of the loss in the normal
component of thrust. However, if injection normal to the wall produces a large interaction force
relative to the thrust, then substantial improvement may be realized by inclining the nozzle.
Maurer in reference 22 states that the optimum injection angles against the main stream were in
the range of 15° < ¢ < 45°

Inherent with obtaining the maximum control-force effectiveness is/locating the nozzle to achieve
the most desirable pressure distribution. Unfortunately, many discrepancies and questions are
found in the literature regarding the contribution of aft-end forces. Pressure distributions
downstream of the nozzle can be found in references 1, &, 20, 23, and 24; to list a few. Barnes
(reference 1) found that the aft interaction forces due to a laminar boundary layer are
considerably smaller than the forward forces (see sketch (c)). In contrast, he found that for
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turbulent flows the aft-end forces added significantly to the total force, as is evident in
sketch (d). However, the contribution of downstream forces n turbulent flow was found to
decrease rapidly as the mass-flow rate increased. Although these sketches do not hold true for all
nozzie configurations and flow conditions, they do indicate the relative contribution available
from aft-end forces. Kaufman (reference 20), in addition to corroborating the findings of Barnes,
found that the reattachment pressure increased strongly with increasing Mach number. Spaid and
Zukoski, in reference 8, indicate a dependence of downstream pressure on Mach number,
mass-flow rate, and injectant fluid properties. With helium as an injectant, higher downstream
static pressure levels were obtained in comparison with those for nitrogen.
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An iterative method, utilizing experimental data classified according to nozzle aspect ratios
(span/width), is presented in reference 20, which predicts upstream and downstream pressure
distributions. The results of the method agree qualitatively with experimental data, although
more theoretical analyses must be developed before it becomes a reliable predicting technique,

In general, because of the complexity involved in the interaction phenomena, no consistent

nozzle angle or location yields the optimum design for the large range of possible applications
and environments; each case must be considered separately.
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Although the supersonic jet experiences an increase in reaction force over the sonic jet, it also
experiences a decrease in the interaction force; it is not obvious which occurrence dominates.
The decreased interaction force is a result of a lower pressure at the exit for a supersonic jet.
This prevents the jet from expanding into a full plume upon leaving the nozzle, consequently the
interaction force decreases. An example of the relative effect of nozzle exit velocity on surface
pressure is shown in sketch (e), from reference 1. The Datcom method predicts improved
performance by obtaining supersonic velocities at the nozzle exit. Although experimental data
indicate that supersonic nozzles exhausting normal to a wall produce virtually no change in
control force, the Datcom method predicts a moderate gain. Experiments show that a beneficial
effect occurs principally at positive upstream injection angles.
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Experimenta! data show that jet-flow parameters are dominating factors in the jet-interaction
phenomena. The more prominent features of the flow are determined by the strength of the jet.
For very weak jets (jets with very low pressure ratios (ng/h )), the jet behavior has been
described by Kaufman in reference 20 as similar to fiilm cooling of the surface. There are no
separated flow regions, and boundary-layer analysis can describe the resulting flow. In reference
25, Kaufman considers weak jets and focuses his work on the downstream pressure distributions.

Because the Datcom method applies only to strong jets (jets sufficient to induce separation of
the boundary layer), it is pertinent to ascertain if separation exists. Available data are not
conclusive, but it appears that the minimum nozzle exit pressure P, to achieve separation must
be of the order of twice the plateau pressure P, in the separated boundary layer. Turbulent
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flow yields a higher platean pressure, hence it is the determining condition for establishing a
minimum jet-strength requirement. The minimum jet-pressure ratio (Pg j/Pl) required to induce
separation is presented in figure 6.3.2-43 (reference 1). At pressure ratios substantially below
those in figure 6.3.243, the Datcom method is probably not valid.

When pressure ratios are above the minimum required, some discrepancy exists in the literature
regarding the effect on the amplification factor. Werle in reference 26 concludes that a slight loss
in effectiveness is displayed as Pg i /Py approaches infinity, while Barnes in reference 1 indicates
virtually no change in amplification factor. Reference 20 contains a summary of available
jet-interaction data wherein pertinent flow parameters along with the various slot geometries are
tabulated.

The Datcom method does not explicitly account for variations in angle of attack, These changes
in angle of attack must be accounted for in evaluating local flow conditions and the state of the
boundary layer. At high angles of attack, with the jet on the leeward side, caution must be used.
The flow will begin to separate, and the jet will essentially be exhausting into a dead-air region
that results in the interaction force decreasing to zero. Pressure distributions for small variations
in angle of attack can be found in references 1 and 20 for flat plates, and in reference 3 for an
ogive-cylinder.,

Several methods for modulating the control force have been suggested. The more pragmatic
methods are: pulsing the jet with a constant jet pressure with a pulse duration proportional to
the impulse required, using multiple nozzles which are individually actuated, varying the jet
plenum pressure, and combinations of these.

The Datcom equations describing the upstream jet interaction have been obtained from a
momentum balance method. Several other techniques have been used by investigators in their
attempts to establish the most complete and reliable prediction scheme. Blast-wave analogy has
been used in references 2 and 27. Other investigators (references 5 and 28) employ finite
difference techniques in conjunction with various methods in an attempt to describe the flow
field.

NOTATION
SYMBOL DEFINITION

a speed of sound
b span of slot nozzle (normal to flow direction)
< nozzle discharge coefficient
Ce vacuum-thrust coefficient

(|
Ce control-force coefficient

L+
C, pressure coefficient, C, = (P — P,)/q,



SYMBOL DEFINITION

C, drag coefficient
d, width of nozzle exit in the flow direction
dy g diameter of surface lepding edge
d, width of nozzle throat
F, control force
io vacuum thrust
h maximum height of sonic line above surface (effective jet height)
h, maximum height of separated boundary layer above the surface
],p jet vacuum specific impulse
K upstream amplification factor (control force normal to the surface normalized
with respect to vacuum thrust of sonic nozzle)
K, upstream amplification factor of normal sonic nozzle
L distance of nozzle from plate leading edge
M Mach number
m nozzle mass-flow rate
P pressure
Poj jet plenum pressure
q dynamic pressure, q = pV?Z/2
RQL Reynold number based on length L {dimensionless)
Rg. Reynolds number based on the distance to the separation point (dimensionless)
Rgu unit Reynolds number based on free-stream- conditions
SF | safety factor
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SYMBOL DEFINITION

v velocity

Xep center-of-pressure location measured relative to leading edge

o angle of attack (positive with jet on lee side of model)

¥ specific-heat ratio of jet gases

] angle of secondary shock

A mean free path (average distance traveled between molecular collisions)

£ pressure ratio across secondary shock

Fo density

o boundary-layer separation angle

) inclination of nozzle center line relative to an axis normal to surface
SUBSCRIPTS

cr corrected

e nozzle-exit conditions

max maximum value

min minimum value

R reattachment conditions

s separation conditions

t throat conditions

trim trim condition

1 ambient conditions on plate in the absence of a jet

2 conditions in the region of the separated boundary layer

2! conditions at the second peak pressure in the separated boundary layer

conditions in the separated region just before the reattachment shock

4 conditions in the region corresponding to the peak downstream pressure after
the reattachment shock
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SYMBOL _ DEFIN;TION

oo undisturbed free-stream conditions

SUPERSCRIPT |
* sonic conditions
DATCOM METHOD

A method for sizing a two-dimensional transverseset control ‘system, modulated by varying the
jet plenum pressure, is presented in the following procedure. This method is based on a
continuum concept and is valid in the Mach number range of 2 to 20. When the mean free path
of the surrounding flow A\ approaches 0.1 of the jet width d,, the method begins to break
down. The method is completely invalid when the mean free path equals the jet width. The
method is invalid because of angle-of-attack effects when (1) the angle of attack is such that the
leading-edge shock interacts with the jet-interaction region, or (2) the boundary layer is separated
at the jet location prior to jet discharge.

For a transverse-jet control system that is modulated by pulsing the jet with a constant jet
plenum pressure, the sizing procedure is similar to the Datcom method. The primary objective is
to determine the maximum jet plenum pressure required to satisfy the trim and separation
requirements. This enables the nozzle throat width to be calculated.

The Datcom method consists of first obtaining a time history of the local-flow parameters at the
nozzle exit prior to jet discharge. These parameters are then used in conjunction with the time
history of the control force required to trim the vehicle, to obtain a control-force coefficient.
This control-force coefficient is then corrected, and the sonic amplification factor is obtained as
a function of the state of the boundary layer and the Reynolds number. The true value for the
amplification factor is then obtained from design charts that account for the nozzle inclination
angle and nozzle exit Mach number. From the local Mach number and the nozzle exit
conditions, values for the minimum jet plenum pressure required to induce flow separation are
obtained. This minimum jet plenum pressure and the vacuum thrust, calculated using the true
amplification factor, allow calculation of the nozzle throat diameter. This in turn permits the
cafculation of the jet plenum pressure and propellant weight requirements to trim the vehicle.

Step 1. Determine if the boundary layer is separated at the jet location prior to jet dischargé.

Because of the complex nature of boundary-layer separation at hypersonic speeds, no
single criterion is available to accurately determine the location of separation. Exact
locations can only be determined through wind-tunnel testing. However, for
preliminary-design conditions, the simple Newtonian-shadowing criterion may be used.
For a nozzle located on the leeward side, this criterion assumes the location of the
separation point to be just downstream of the leading edge when the leeward surface is-
not directly visible to the free stream. Thus, using the Newtonian-shadowing criterion
restricts the Datcom method to transverse-jet control systems located on the windward
surface.
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Step 2.

Step 3.

Step 4.

Step 5.

Step 6.

6.3.2-14

If the boundary layer is separated prior to jet discharge, the jet-interaction force is
probably nil. For this case, the only force is that due to the reaction of the jet,
nullifying the Datcom method.

Determine the time-history values required for the control force F, to trim or
maneuver the vehicle, the associated free-stream Mach Number M__, and the associated

angle of attack a_.

These parameters must be obtained from an outside source because of the numerous
possibilities for vehicle design and mission trajectories. The jet-interaction center of
pressure can be assumed to be located at the nozzie for determining the time history
of the control force.

Determine the time-history values of the local-flow parameters: Pl,ql, M,, and Rg in
the absence of jet exhaust. The ratios of pressure, dynamic pressure, Mach number,
and Reynolds number behind an oblique shock to their respective values in the free
stream can be obtained from figures 6.3.2-30, -31, -32, and -33, respectively. These
oblique shock ratios are valid so long as the following relationship holds:

0.1375 +2.0

LE
M

o

>1.0

For a thick leading edge and for high Mach numbers, the above relationship becomes
invalid, disallowing the calculation of the local-flow parameters by oblique-shock
theory. This requires calculating the local-flow properties by other available methods,
such as tangent-wedge, blast-wave, Newtonian-impact (reference 29), or the Moeckel
shock-oss theory (reference 30).

Determine the time history of the state of the boundary layer from wind-tunnel data
that approximate the actual flow conditions, or as a function of M; and Ry, from

figure 6.3.2-34.

Make the following initial choices regarding nozzle geometry, if not already established.
a. Assume a nozzle span b that is as large as the vehicle geometry permits.

b. Choose a nozzle injection angle ¢, where 0 <¢<45°

Determine the nozzle exit Mach number M, and the jet vacuum specific impulse I.
The calculation of these parameters requires knowledge of the propellant as well as of

the plenum temperature and nozzle shape. It is therefore advisable that these
parameters be determined by the propulsion engineer and designer.



Step 7. Determine the time-history values of the control-force coefficient Cp_ by

CF = cre— 6.3.2-a

Step 8. Calculate the value of the vacuum-thrust coefficient using the value of specific-heat ratio
associated with the propellant by

,
2 V!
G, =lz57) @+v 6.3.2:

Step 9. Calculate the time-history values of the corrected control-force coefficient by

c _( Fc)(].268 ‘s
¥ =\ .3.2-c
( c)ﬂ 4,50/ \ G,

Step 10. From the Reynolds number and the state of the boundary layer at each time interval.
select the appropriate figure from the sizing charts (figures 6.3.2 -35a through -35e and
-40) and determine the time-history values of the amplification factor K, for a normal
sonic nozzle. For a laminar boundary layer interpolate between figures 6.3.2-35a
through -35e. For a turbulent boundary layer, which is independent of Reynolds
number, use figure 6.3.2-40.

Step 11. Determine the time-history values of the true amplification factor K from figure 6.3.2-41
or 6.3.2-42, or by

Ve

v a
¥ ) e t | cos ¢ oy
K=& ~1)|]l+ — —3in + | — + = 6.3.1d
( o ) v+ 1 a, in ¢ a, ve 3
where
1/2
\A (y + DM_?
—_— 6.3.2-¢
3 2+ (y - HM,?
Step 12. Calculate the time-history values of the vacuum thrust by
FC
F == .
io K 6.3.2-f

Step 13. Determine a time-history value of the minimum jet plenum pressure required to induce
separation (Poi)min as follows:
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Step 14

Slep 15,

Step it

6.3.2-16

4 Obtain the time history of the minimuin jet plenum pressure ratio (POijl )min as a
function of V,./a, and My from figure 6.3.2-43,

b.  Multiply thése pressure ratios by the corresponding vasiic 0f local pressure Py to
obtain (Poj\ e

J min
P, = (PO./P1 P, 6.3.2-¢
} J min ! min

From the time-history values in steps 12 and 13, determine the maximum value of the

vacuum thrust ( F; \ and the maximum value of plenum pressure (PO‘)
. “0/ max J Jmax

Calculate, using experimental data if available, a value for the nozzle discharge
coefficient ¢ (defined as the ratio of the actual nozzle flow to the flow calculated by
isentropic laws). In reference 31, relations are given relating the nozzle discharge
coefficient to the velocity coefficient, polytropic efficiency, and other nozzle
parameters. However, all these relationships require some experimental knowledge of
the nozzle.

If no experimental data are available for the nozzle, a value of 0,90 can be assumed
with concurrence of the nozzle designer. This value was the lower bound for nozzle
discharge coefficients experienced by the investigators in reference 1. However, caution
must be used because values as low as 0.71 for nozzle discharge coefficients have also
been reported (reference 3).

Calculate the nozzle throat width required to provide a vacuum thrust at least as large as
the peak value predicted to trim the vehicle. The use of a safety factor to allow for
dynamics and contingencies may be desirable (see sample problem). Compute the nozzle
throat width as follows:

( F. SF
JO max

t ~ :C bfP
‘o (“i)m

Calculate the time-history values of the jet plenum pressure required to trim the vehicle by

6.3.2-h

Fj0
P = — 6.3.24
0.
( ’)uim CCrob d,

The jet plenum pressure required to trim the vehicle should always exceed the
minimum jet plenum pressure required to induce separation (Poj) . in step 13.
. mm

When the jet plenum pressure required to trim the vehicle is less than the minimum jet
plenum pressure required to induce separation, two choices are available: (a) the throat
width can be reduced with a corresponding increase in jet plenum pressure; (b} no



change can be made, with a loss in effectiveness (amplification factor) for a short
period of time. The second choice is preferable because economically and structurally
it is advantageous to keep the jet plenum pressure as low as possible.

Step 18. Calculate the time-history values of the mass-flow rate by
m = 1T 6.3.24

Step 19. Calculate the required propellant weight by integrating the time history of the
mass-flow rate.

Step 20. Revise the preliminary estimates made in step 5 and reiterate to obtain an optimum
configuration based on trade-offs between system weight, jet-plenum-pressure require-
ments, and the available control force.

The approach described above is based on the assumption that the jet-interaction center of
pressure is located at the nozzle (step 2). In many practical applications this assumption
introduces only a small error, particularly for turbulent boundary layers and for relatively
low-aspect-ratio nozzles. Present knowledge of jet interaction does not allow an accurate
determination of the center of pressure, particularly for laminar boundary layers. However, an
approximate method from reference 1 is presented.

The most extreme forward location of the center of pressure results from a two-dimensional
nozzle located at the end of a plate. This location can be evaluated and used as a guide in
estimating the true center-of-pressure location.

For three-dimensional nozzles the longitudinal extent of the separated boundary layer is much
closer to the nozzle than for the two-dimensional case. Experimental data indicate that for most
three-dimensional configurations one-half of the calculated value will be conservative and should
suffice for preliminary-design purposes.

Step 2. Determine the time-history values of the center-of-pressure location for each time incre-
ment as follows:

a. For laminar flow

(1) Assume a value for the separation Reynolds number Rg, of approximately
one-fifth the Reynolds number based on the nozzle location Rg - (It should
be noted that although Rg_ is based on the separation location, it does not give
an accurate value for the separation location.)

(2) Calculate the plateau-pressure coefficient Cp by
2

1.60
C = 6.3.2k

Py [RE M,? - l)]m
4
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(3)

4

(%

(6)

(7

(8)

where
P, - P
P,y q,
Calculate the total drag coefficient of the interaction phenomena by

C, = 475¢C, 6.3.2-8

Calculate the normalized effective jet height by

P. d 2C
0. "t f
h 0 6.3.2-m

L Pl Ay, M2 +2

Calculate the plateau pressure by

P, = sz q, +P, 6.3.2-n
Calculate the tangent of the boundary-layer separation angle by

56— 1) TM? -6k + 1) |V2
tan g = 6.3.2-0
TM2 - 56— 1) 68+ 1

where

P,

£ = 'I";l— 6.3.2-p

Calculate a new value for the normalized effective jet height by

(h) =11 : tan o 6.3.2
- = - 3.2q
L new RQ

h ~{h} ‘
If [— given by equation 6.3.2+ is not equal to —) given by equation
L new L

h h
6.3.2-m, i.e., (—) * (—-), choose a new value for Ryg_ in step 21.a.{1) and
L foew L s

wemtewnit (7)< ()
iterate until { — = 1-1)
L new L



(9) Calculate the normalized center-of-pressure location with respect to the nozzle

location by
C
xcp G Fc
— =(1-G)+G |1 - — .
L ( ) s \C 6.3.21
P
where
G=|] I
= rd 6.3.2-s
and sz is based on the correct value of Re,. (step 21.a.(2))
For turbulent flow
(1) Calculate the plateau-pressure coefficient Cp
2
For M1 <5
C,. = 0.41+0.481 M; —0.0509 M, +0.0061 M, > 6.3.2-t
) .
For M1 >5

G, = 02257 - 0.0232 M, +0.0014 M, ? - 0.00003 M,*>  6.3.27u

(2} Calculate the normalized center-of-pressure location with respect to the nozzle

location by

xcp G CFc .

— =(1-G)+G |} - = — (equation 6.3.2+r)

L 2\C
P2
where
I .
G=1l- — (equation 6.3.2-5)

K

If the calculated value for the center of pressure appears to introduce a significant error into the
determination of the required control force in step 2, a new cohtrol force should be calculated and
the procedure repeated for sizing the nozzle.
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Sample Problem

Given: A transverse jet located at the trailing edge of a flat plate

L = 1001t b = 20ft ¢ = 30° V /ja, = 20

M, = 239 ¥y = 1.2 I!ip = 225.0 sec c = 0.90
The sample problem presents a hypothetical case which serves to illustrate the Datcom method.
The time-history values of the control force F; must be calculated or established prior to the
application of the Datcom method. For a real problem, the time-history values of the free-stream
Mach number M_ and the angle of attack o« must also be determined prior to the application

of the Datgom method, in order to obtain the time-history values of the local-flow parameters.

TABLE 6.32:A
SAMPLE TRANSVERSE-JET SIZING CALCULATIONS
1. Time {sec) 1 2 3 4 5
|2, contral Forcs, F (ib) 1000 2000 1000 500 200
| 3. Local Mach No., M 100 2.0 8.0 7.0 6.0
4. Reynolds No., Rg, 1x 108 5 x 107 1x 107 5 x 108 1x 108
5. Local Pressure, P, Ib/in.2) 1.70 0.65 02 | 010 0.04
6. Dynamic Pressure,  {Ib/in.2) 119 36.8 1.2 343 1.01
7. Boundary Layer turb turb turb turb lam
8. Control-Force Coeff., C_ = Fe/lay bL) 0.00292 0.0189 0.0310 0.0506 0.0688
9. Corrected Force Coeff.,(c Fc)cr 0.00296 0.0192 0.0314 0.0513 0.0698
10. Sonic Amplitication Factor, K, 2.53 2.18 210 2.05 2.80
11. Amplification Factor, K 3.44 286 2.78 270 3.86
12. Vacuum Thruse, F;  (1b) 291 700 360 185 51.8
13. Min, Pressure Ratio, (Poifﬁ)mm 560 510 465 420 375
14. Min. Jot Pressure, (Pg,)y i (16/in2) 950 332 116 42 15
15, Jot Pressurs, (Poy)qyin (10/in.%) 316 760 391 201 56.3
16. Mass-Flow Rate, i {Ib/sec) 1.29 3.12 1.60 0.82 0.23

With the time-history values of the local-flow parameters completed in items 3 through 7 of table
6.3.2-A, the calculation for the sample problem continues for t = 1 second with step 4.
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Determine the state of the boundary layer from wind-tunnel test data or as a function of M,
and Rp, from figure 6.3.2-34.

Determine the control-force coefficient

E

c .
CFc = a oL {equation 6.3.2-3)

1000
(119) (2) (10) (144)

0.00292

Determine the vacuum-thrust coefficient

b 4
2\
C = 7] {(vy+1) (equation 6.3.2-b)
Y

1.2

2 1.2-1
= 17 +1 (1.2+1)

= 1.25

Determine the corrected control-force coefficient

( 1 ~C
cr 11 L fo

1.2
(0.00292) 1268
1.250

0.00296

il

n

Determine the sonic amplification factor

K, = 253 (figure 6.3.2-40)

1]
Determine the true amplification factor

K = 344 (figure 6.3.2 41)
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Determine the vacuum thrust

F
= (equation 6.3.2-f)

1.000

3.44

291 1b

Determine the minimum jet plenum pressure required to induce separation

P
0.
—$l = 560 (figure 6.3.2 43)
1 min
P,.
(Poj) = ~P—’ P, (equation 6.3.2g)
min 1 min

I

(560) (1.70)

950 Ib/in.?

The remaining steps cannot be based on one time segment; i.., the total time history of the various
parameters must be considered.

Determine the throat width

( F, SF
0 max

= i .3-2-h
d, <C, b Po (equation 6.3-2-h)
A .
J max

(700) (1.25)
(0.9) (1.25) (24) (950)

0.0341 in.

The safety factor is determined from the maximum thrust and the maximum jet
plenum pressure. The maximum thrust required is 700 lb; however, a value of 900 Ib
should allow for contingencies. If the design value for the maximum jet pressure
required to induce separation is chosen to be 1000 Ib/in.2 rather than the value of 950
1b/in.2 in table 6.3.2-A, the safety factor can be expressed as
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j)

SF = max
( Oj )m jn)m

ax design ax

(200) (7o)
1000/ \700

1.21, use 1.25

o | €
(

It

The jet plenum pressures required to trim the vehicle are calculated based on the throat width
by using equation 6.3.2-i. These calculated plenum pressures must always exceed the plenum
pressure required to induce separation (950 1b/in.2 at the initial time period of one second). The
jet plenum pressures required for trim (item 15 in the table) were computed as follows:

F
Jo
P = — {equation 6.3.2-i)
( 0.)trim ¢ Cfo b dt

FjO

(0.9) (1.25) (24) (0.0341)

1.086 F.
Jo

It is seen that the jet plenum pressures required for trim (item 15) are less than the specified
minimum value at the initial time of one second. Two choices are available: either the throat
width can be reduced with a corresponding increase in jet pressure or, if this proves-to be
detrimental to the system weight, then some loss in effectiveness can probably be accepted for a
short time period in order to avoid increasing the jet pressure. The proper choice depends upon
the sensitivity of the control-system weight to an increase in jet plenum pressure.

The propellant weight required to trim the vehicle is obtained from the integral of the mass-flow
rate m in item 16. For the sample problem, the required propellant weight to trim the vehicle is
7.06 1b.

In order to arrive at an optimum nozzle design in any particular application, several iterations of
the above procedure should be made with systematic variations in the initial assumptions. If
extensive sizing studies are required and if suitable computing facilities are available, a computer
program, described in reference 1, should be used.

Determine the center-of-pressure location.

Two cases are presented to illustrate the procedure: one where the boundary layer is turbulent
and one where the boundary layer is laminar.
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Case | t = 4 seconds (turbulent flow)

M, = 70
Ce = 0.0506 (table 6.3.2-A)
c
K = 270
C, = 0.2257 - 0.0232 M, +0.0014 M, — 0.00003 M,* (equation 6.3.2-u)

= 0.2257 — 0.0232 (7) + 0.0014 (49) — 0.00003 (343)

= 0.1216
1
G = 1- X (equation 6.3.2-s)
~ 370 0.63
C

Xep G Fe .

— = (1-6)+G |l —— (equation 6.3.2-1)
2 sz

= (1 — 0.63) + 0.63 [1 _ 063 (0'0506)]

2 0.1216
= 0917
X = (0917 L
= (0.917) (10)
= 9.17 ft from leading edge
Case 11 t = § seconds (laminar flow)
M, = 60
CFc = 0.0688 (table 6.3.2-A)
K = 386
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P, = 563 1Ibjin? |
1

P, = 0.041b/in.2 » (table 6.3.2-A)
q, = 1.0l Ibjin.2 -
First iteration (assume Ry = 1x 10%)
5
C S (equation 6.3.2k)
= equation 6.3.2-
Pz R12 (Mlz _ 1) 1/4
1.60

[105 (36 - 1)]1/4

= 0.037
C, = 475 C _ (equation 6.3.29)
Pl
= (4.75) (0.037)
= 0.1758
P 2
h Oj dt CIO ( tion 6.3.2-m)
- = equation 6.3.2-m
L PPLT Jyc, M2+2
_{ (56.3) (0.0341) (2) (1.25)
(0.04) (10) (12) | |(1.2) (0.1758) (36) +2
= (0.400) (0.2605)
= 0.104
P, = sz q, +P, (equation 6.3.2-n)
= (0.037) (1.01) + 0.04
= 0.0774 Ibfin.?
¢ = P, _ 00774 _ L93 (equation 6.3.2
P, 0.04 : equation 6.3.2-p)
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- 1/2

_ TM 2 -(6E+1)
tang = SE-D ! {equation 6.3.2-0)
| TM2-5GE- 1) 6¢+1
[ 509 736) 16 (193) + 11]172
~ 1736 - 5(0.93) 6 (1.93) + I
= (0.0188) (4.36)
= 0.082
h Ry
- =({1-—=)tano (equation 6.3.2q)
L Rg
new L

It
~_
|
— | -
OlO
N
\,______/‘
—
o
[e]
o0
O
g’

I
e
o
~]
@
%

Since 0.0738 # 0.104, try a second iteration.

Second iteration (assume Ry = 5 x 10%)
s

1.60 .
C = = 0.044 (equation 6.3.2k)

P2 (5 x 10%) (36 — D]}/

C, = (4.75) (0.044) = 0.209 (equation 6.3.2-9)

h = [(56'3) (0.0341) ] [ 2(1.25) (equation 6.3.2-m)

(0.04) (10) (1) (1.2) (0.209) (36) + 2

-

{0.400) (0.227)

= 0.0908
P, = (0.044) (1.01) + 0.04 = 0.0844 Ib/in.? (equation 6.3.2-n)
P
2 0.0844 ]
=— = = 2.11 uation 6.3.2-
£ 0.04 (equatio P
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5(1.1) 252 —[6 (2.11) + 11|12 .
_ . tion 6.3.2
tan o [252 ~s (1.11)] [ 621D+ 1 } (equation 6.3.2-0)

(0.0225) (4.18)

0.094

h 5x 10%
(—) = (1-2% (0.094) = 0.0893 (equation 6.3.2-q)
L/ ew 108

Since 0.0893 # 0.0908, try a third iteration.

Third iteration (assume R, = 4.85 x 10%)
b

1.60
C = = 0.0443 {equation 6.3.2-k)

P2 [(4.85 x 10%) (36 - 1)]!/4

X

C. = (4.75)(0.0443) = 0.210 (equation 6.3.2-Q)

(equation 6.3.2-m)

e |

h_[(56.3) (0.0341)] (2) (1.25)
(0.04) (10) (12)J (1.2) (0.210) (36) + 2

I

(0.400) (0.226)

= 0.0904
P2 = (0.0443) (1.01) + 0.04 = 0.0847 Ib/in.? {equation 6.3.2-n)
P -
2 0.0847
= — = = 2.1 H .3.2-
£ P, 004 18 (equation 6.3.2-p)

(equation 6.3.2-0)

- 5 (1.118) 252 —[6 (2.118) + 1]] 112
an = —
252 — 5 (1.118) 6(2.118) + 1

= (0.0227) (4.17)

= 0.0947

4.95 x 10*
(% - (1 - —’—‘;——-—) (0.0947) = 0.0901 (equation 6.3.2-q)
10 |
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0.0901 = 0.0904; therefore Ry = 4.85 X 104
5

C = 0.0443
Pa

L. 1 ! = 0.741 (equation 6.3.2-5)

G=1l-%¥7"7 3386 ’ e
C

Xep G Fe )
2 =1 -G+G |l -1 (equation 6.3.2-1)
L 2 sz )

0.741 (0.0688)

_ 0741 + 0741 |1 — .
(1-0741D+0 2 \0.0443

0.574

Since the value of X¢p JL = 0.574 is a conservative estimate of the most extreme forward
position for a two-dimensional nozzle, the actual value is probably close to 0.75 or 0.80 (see
discussion prior to step 21). Since the center of pressure for t = 5 seconds is not close to the
nozzle location, it would be advisable to calculate a new control force based on the approxi-
mate value of Xcp = 7.5 ft and repeat the sizing calculation for t = 5 seconds.
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6.3.4 AERODYNAMICALLY BOOSTED CONTROL-SURFACE TABS

Aerodynamically boosted control-surface tabs have been successfully used to reduce the forces on
reversible-control systems for many years. Linear methods from Reference | are presented herein
for estimating the stick forces for a variety of the most commonly used control-surface-tab systems.
Because of the compressibility effects on tabs at high speeds, the application of these methods
should be restricted to subsonic flow; i.e., speeds below the surface critical Mach number or not
above a Mach number of 0.90, whichever is least.

In order that the Datcom user may better understand the complex design considerations for a tab
system, a general discussion (essentially taken from Reference 1) of pertinent design parameters for
control-surface-tab systems is presented. For more details regarding tab systems the reader is
referred to References ! through 6. For a discussion and method of springy tabs or downsprings,
the reader is specifically referred to Reference 6,

System Description

Aerodynamically boosted control systems can be divided into two distinct classifications:
direct-control systems and indirect-control systems. Aerodynamic boost in direct-control systems
includes nose aerodynamic balance, internal pressure balance on the main control surface, and may
also include a tab “geared” to the main control surface. Sketch (a) illustrates the simple form of
direct control without a tab, called “pure direct control.”

TO PILOT CONTROL

CONTROL SURFACE

SKETCH (a) PURE DIRECT CONTROL

Sketch (b) illustrates the simple form of direct control with a tab, called a “‘geared tab.”

TO PILOT CONTROL

CONTROL SURFACE

TAB

SKETCH (b) GEARED TAB
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The most commonly used aerodynamically boosted control systems* fall into the indirect-control
classification. Indirect-control systems may be subdivided into two types, one in which the pilot has
direct control over both the tab and the main control surface and one in which he controls only the
tab. Those systems in which the pilot has direct control over both the tab and the main control
surface are referred to as link-tab systems. The three types of link-tab systems are plain linked tab,
spring tab, and geared spring tab, shown schematically in Sketch (¢).

SPRING TAB

GEARED SPRING TAB

SKETCH (c)

*The control surface may be either an elevator, aileron, or rudder, throughoyt the discussion,
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The fundamental relationship of the three tab systems is depicted in Sketch (c). It is evident the: o
spring-tab system is a plain linked tab with a spring added. The geared spring tab includes all the
components of a spring tab, but with the spring arranged in series with a geared tab link.

The second type of indirect-control system is distinguished from the link-tab systems in that ths
pilot controls only the tab and is therefore called the pure-flying-tab system. The three types o
flying-tab systems are the pure flying tab, spring flying tab, and the geared flying tab as shown
schematically in Sketch (d).

PURE FLYING TAB

SPRING FLYING TAB

GEARED FLYING TAB

SKETCH (d)
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Again, the fundamental relationship of the three tab systems is evident in Sketch (d).

It should be noted that both the plain linked tab and the pure flying tab have been called
“servo-tabs” in much of the literature. However, since they are not identical systems, because of the
different location of the cockpit control connecting point, it is important to maintain some
distinction between the two.

In making any comprehensive analysis of aerodynamically boosted control-surface-tab systems, it is
desirable first to reduce the special cases to be considered to the minimum number. Such a study
reveals that all of the previously mentioned systems are but special cases of one general system. A
schematic illustration of this general tab system is shown in Sketch (e). Table 6.3.4-A which
accompanies the generalized control system, describes the specific tab system as a function of the
cockpit control connecting point, along with the presence of a spring and its location,

GENERALIZED CONTROL SYSTEM SCHEMATIC DIAGRAM
SKETCH (e)

TABLE 6.3.4-A

Caockpit Control Tab Spring
Connecting Point Configuration Type of Control System
A No Spring Pure Direct Control
A I Geared Tab
B8 No Spring Plain Linked Tab
B 1 Spring Tab
B H Geared Spring T ab
: c i} Geared Flying Tab
C 1 Spring Flying Tab
L C No Spring Pure Flying Tab

For a complete understanding of this general control-tab system, it is essential that the system
kinematics zre clearly understood. The key feature of the tab linkage is the fact that point C in
Sketch (e) is not fixed to the control surface; ie., it is free to translate; whereas, point A in
Sketch (e) is fixed to the control surface and can translate only with movement of the control. [t
should also be noted that the spring configuration I in Sketch (e) corresponds to the case where the
tab gearing link is connected to the hinge bracket at the main controksurface hinge line.
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Key Linkage Parameters

The tab-system designer determines the type of tab system and the system force characteristics by
his selection of three key linkage parameters. These key linkage parameters are:

o  The aerodynamic boost link ratio Ry, which is an index to the relative location of the
pilot connecting point (A, B, or C in Sketch (e))

o  The tab spring effectiveness k
o  The tab gearing B, which is determined by the connecting linkage between the tab and the

hinge bracket

Boost Link Ratio Ry

The boost link ratioc Ry is specifically defined as the rate of change of the tab deflection with
respect to control-surface deflection with the control column fixed; L.e.,

9%, .
RL = 6.3.4a
aac stick

fixed

For a general tab system as shown in Sketch (f), the value of Ry can be approximated by the
system geometry by

.
R, =T 6.3.4-b

SKETCH (f)

From this relationship, the value of Ry can be seen as a direct indication of the cockpit control
connecting point. Thus, when the value of Ry is zero, the tab system corresponds to a pure flying
tab as shown in Sketch (d). Likewise, when the value of Ry is infinite, the tab system becomes a
direct-control system (with a free-floating tab).
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Tab Spring Effectiveness k

The tab spring effectiveness k is defined as the rate of change of moment on the tab due to the
spring with respect to tab deflection, based on the product of tab area and chord; i.e.,

aMtc i
k = - - 6.3.4¢
aalc . Stcctc

spring

Thus, typical units of k could be Ib/ft?-deg or Ib/in.2-deg.

Control Tab Gearing Ratio f

The control-tab-gearing ratio § is specifically defined as the rate of change of the tab deflection with
respect to control-surface deflection with k = oo and the stick free; L.e.,

(a5w> N
B = withk = oo 6.3.4-d
a8 stick .

¢
free

So, for a tab system without any connecting linkage between the tab and the hinge bracket, the
value of 8 is zero, i.e., no gearing. For a geared system, the specific value of § is determined by the
location of the connecting linkage relative to the controlsurface hinge line.

Linkage-Parameter Effects on Forces

For discussion purposes, consider a plain-linked-tab system on a control surface that requires a pilot
force of two hundred pounds to control the main surface, tab free, and a two-pound pilot force for
a pure-flying-tab control. By applying one pound of pilot force to the tab, one-half the total work
required to move the main surface is performed by the tab itself. Then by applying one hundred
pounds of force to the main surface, the remaining one-half of the work is made up by the pilot
directly, and the total pilot effort is 100 + 1 or 101 pounds. Thus, the link ratio R defines the
proportions of the force division. At infinite link ratio, the pilot force will be two hundred pounds;
at zero link ratio, two pounds. Therefore, a reduction in link ratio Ry results in a reduction of pilot
force.

‘The use of 2 spring on the tab increases the tab hinge moments, and therefore increases the forces of
a plain-linked-tab system. In the preceding example the force required to move the tab may be
increased to, say, twenty pounds. For the same linkage, then, the total pilot force would be 100 +
10 or 110 pounds. Essentially, the spring effect adds an element of locked-tab hinge moment and
reduces slightly the free-tab contribution. (This concept may be more clearly understood by
referring to Equations 6.3.4-k and -0, which divide the control column force into contributions due
to the free-tab, locked-tab, and gearing components.) Since the increase due to the locked-tab
element is always greater than the corresponding decrease in the free-tab contribution, the pilot
force will increase with increasing tab spring effectiveness.
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Tab gearing § in the boost direction always reduces the pilot forces (by an increment rather than by
a percentage), although the magnitude of the effect depends upon the values of the tab spring
effectiveness k and the link ratio Ry. The effects of the spring and link ratio, however, are not so
simply stated. Here both the magnitude and direction of the effect of one depend upon the value of
the other and also on the tab gear ratio. In order to understand the interrelations between these
parameters, it is necessary first to examine the “aerodynamic” characteristics of a sprinz. By this is
meant the relationship of aircraft speed to the spring effect.

Normal aerodynamic coefficients are of course independent of speed if compressibility and
aeroelastic effects are neglected. However, the spring characteristics are represented aerodynam-

ically as (k/q) where q is the local dynamic pressure of the airstream. At zero airspeed the
" aerodynamic spring characteristic is infinite for all finite values of k. However, at infinite airspeed
. the aerodynamic spring characteristic is zero for all values of k. Hence, the characteristics of any
system incorporating a tab spring correspond to those with the tab locked as in pure direct control
(or geared as a geared tab) at zero airspeed, and to a system with no spring at infinite airspeed.

The individual effects of the linkage parameters are interrelated, but are nevertheless independent of
the type of system used. It may be surmised that “special tab arrangements’ are in themselves not
that -significant. What is more important is the matter of choosing proper values of the linkage
parameters for a design application, rather than choosing a particular type of system. To illustrate
this point, Sketch (g) shows three different tab systems for a particular control surface on an
aircraft. Each tab system has been adjusted to yield nearly equivalent force characteristics over the
speed range considered.

70 1

PEDAL
GEARED
FORCE 40 {SPRING

GRADIENT | TAB
(1b/deg) 0 (RL=2
k=10 AL
20 Y

=—25 Ry =10.2
B Y SPRING TAB { k=1
10 ‘ B=0

v

0 50 100 150 200 250 300 350 400
EQUIVALENT AIRSPEED, V, (mph)

SKETCH (g)
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DATCOM METHOD

The Datcom Method presents the fundamental relationship between the pilot forces and the tab and
control-surface moments from which the control-column forces are evaluated.

The control-column force equations are presented in such a manner that the individual
contributions of the various factors, i.e., tab-free, tab-fixed, and gearing contributions can be readily
identified. It should be noted that two control-column force equations are presented, both of which
define a general tab control system for an elevator, rudder, aileron, or other control system having
linear characteristics. The two equations presented are based on different independent variables for
the convenience of the user (they provide identical values of control-column force).

Because of the lengthy control-column force equations, a summary table and shorthand notation
has been used to simplify the presentation of equations. In order to facilitate this presentation, the
following general notation list is provided.

NOTATION*
SYMBOL DEFINITION
A B 81cCre
C SC‘(-:-C -
B, = (ac as )
! hcl cstc-"‘s’su
B, = (bc, /a8 )
2 hc/ ic 5 ay 'sﬁ
B, = (ac aa)
} hC/ 780 81 Byt
B = oC, [aé
¢ ( h"'/ lt)‘sc"stc“"s
E( ) surface mean aerodynamic chord (movable surfaces are defined by their area aft of the
hinge line, and the- MAC is of that area)
G, is the hinge-moment coefficient of the particular control surface, i.e., HcﬂchEc)(either
€ an elevator, rudder, or aileron)
Chlc is the hinge-moment coefficient of the control tab, i.e., H,  AaS, Ced
C, lift coefficient, positive up or to the right

“Units are not specified for derivatives, lengths, or aress. It is up 10 the user to choose his units.and be consistent throughout.
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SYMBOL

DEFINITION

lift coefficient of surface to which the main control surface is attached, i.e., Cpy,
CLy, or CLy, (total lift, including lift due to control deflection, tab deflection, and

angle of attack)

is the horizontal-tail lift coefficient (total lift, including lift due to control deflection,

tab deflection, and angle of attack)

is the vertical-tail lift coefficient (total lift, including lift due to control deflection, tab

deflection, and angle of attack)

is the wing lift coefficient (total lift, including lift due to control deflection, tab

deflection, and angle of attack)

airplane lift-curve slope

airplane lift-curve slope with respect to the tail angle of attack

ac, /as
( bs c)atc'ﬁtt'“s
aC aa)
( Ls/ ©fs a5,
(oc, roa,)

$ o Ste b
aC, /26
( Ls/ n)sc’o‘s'stc
aC, /b
( htc/ c)litc,as
(achw/aatc) N
(ac:h foar)

tc [ 1
B, /C,
Bz_czEl
B, — C,E,
B, — C,E,

control-column force in Ib (pull force is positive)
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SYMBOL

Qoo

R,,

DEFINITION

elevator stick force in 1b (pull force is pos_itive)

rudder-pedal force in Ib (push on left pedal is positive)

L

pilot gearing factor (see Equations 6.3.4-f and -f")

maximum stick gearing (see Equation 6.3.4-i)

control hinge moment
tab spring effectiveness, in Ib/ft?-deg (see Equation 6.3.4-c) -

airplane normal acceleration or load factor in g’s
local dynamic pre-sure (lb/ftz)
free-stream dynamic pressure (Ib/ft?)

shorthand notation for tab and main surface hinge moments and key linkage
parameters, obtained from Table 6.3.4-B

aerodynamic boost link ratio (see Equations 6.3.4-a and -b)

surface area (movable surfaces are defined by their area aft of the hinge line)

shorthand notation for tab and main surface hinge moments and key linkage
parameters, obtained from Table 6.3.4-C

airspeed
aircraft weight
fore and aft displacement of control column, positive forward

maximum displacement of control column, positive forward



SYMBOL

max

tc

tt

DEFINITION
fore and aft displacement of right rudder pedal, positive forward
angle of attack, positive for lift increase

angle of attack of the surface to which the main control surface is attached, i.e., 04,

Qy , OF Oy

angle of attack of the horizontal tail
angle of attack of the vertical tail
angle of attack of the wing

control-tab gear ratio (see Equation 6.3.4-d)
downwash at the horizontal tail

-8 /6 for a maximum control deflection (the value of A  is positive because

max ‘max

o, and 8 will have opposite signs)
max ¢ max

the maximum deflection of the main control surface, in degrees
surface deflection, positive for trailing edge down or to the left, in degrees

air density ratio, p/p,

Jift efficiency factor for a geared tab system, | + BC, /C,

SUBSCRIPTS

main control surface (elevator, rudder, aileron, etc.)
elevator

horizontal tail

control pedal

rudder

surface to which the main control surface is attached, i.e., horizontal tail, vertical tail,
Or wing

control tab

trim tab
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Fundamental Relationships
The following relationship from Reference | is derived from basic considerations of system

equilibrium and fundamental laws, giving a relationship between pilot forces and the tab and
contro! surface moments, as

F, = GH, = G_H, = -GRH,, 6.3.4¢

where the control-surface stick gearing GC and the tab stick gearing Gt . are defined as

G = ———— 6.3.4-f

6.3.4-

G = ——
tc (_axc>
57.3

a'Slc c

Using Equation 6.3.4-¢, the aerodynamic boost link ratio R; can be expressed as a function of the
stick and tab gearing, t.e.,

Since the aerodynamic boost link ratio must be positive, it becomes evident that the control surface
stick gearing G_ and the tab stick gearing G, must have opposite signs.

The particular form of Equation 6.3.4-¢ that is used is dependent upon the value of the boost link
ratio; i.e.,

F = Gch for RL = ou
F = Gtch for R, = 0

F. = -G_R H, for O<R <eo

The control surface moments M c for a general tab system (see Sketch (e)) can be expressed as*

k
H, = 5,5,a(B, 5 +B, b, +Bya, +B,d, +AS(3, —BE)] 6.3.4¢

*“These moment equations are applicable for symmetrical, untwisted control surfaces that vield a value of zero for Hc and Htc when

6,6 .56, ,6¢d u‘araall zZe10.

[ {0 i 4
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and the tab surface moments M, . for a general tab system can be expressed as*

te te "t

k
Hee = SicGeaiD; 8+ Dy8, + Dy, =8y —65.)) 6.3.4h

Equation 6.3.4-¢ is the primary aerodynamic relationship from which the stick forces are evaluated.
It defines not only the force-moment relationships, but also the system equilibrium Therefore,
analysis of any control system can be made if the control-surface and control-tab hinge-moment
characteristics and the system motion characteristics are known.

Another significant parameter is the maximum stick gearing G, defined by
max

1

G = 6.3.4-
‘max axc
57.3\——
aac max
The stick gearing G is related to the maximum stick gearing by the following:
G R, +4A
L
S = = - d 6.3.44
cm ax L

From this equation it is evident that the value of the ratio G¢/Ge,, ,, is greater than one. This
simply means that the cockpit control travel must be greater than that required to bottom the
control with the tab fixed. Sufficient control travel must exist to bottom the control surface and
the control surface tab simultaneously, while allowing for cable stretch. '

Control Column Forces

The analysis of a typical tab system requires detailed knowledge of the tab and control
hinge-moment characteristics as a function of the main-control-surface angle of attack. For a
particular angle of attack, Sketch (h) illustrates the typical hinge-moment and gearing data required
to analyze any tab control system.

These data should preferably be obtained from wind-tunnel-test data or may be estimated by using
the hinge-moment methods of Section 6.1.6. Because of the lengthy control-column force
equations, a summary table and shorthand notation will be used to simplify the presentation of the
equations. The format in which the control-column force equations are presented, i.e., tab-free,
tab-fixed, and gearing contributions, is used so that the contribution of the various factors can be
more readily identified.

*These moment equations are applicable for symmetrical, untwisted control surfaces that yield a value of zero for H_and Ht when
- {4

Bc, atc' Su, and o are all zero,
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SKETCH (h)

The two control-column force equations presented herein are modifications of Equation 6.3.4-e,
with the variable 5, being eliminated. These equations are for a genera! tab control system on an
elevator, rudder, aileron, or other control system having linear aerodynamic characteristics. (For
example, when evaluating an elevator tab system, the terms ¢, §_, Cp, &, etc., become Ee, 5.,
Ch,» 0ty > tc., respectively.) The first equation is based on the independent variables § , e, and 8, ;
while the second equation is based on the independent variables C; , o, and 5,,- Either equation
may be used depending upon the preference of the user.

The first equation for estimating the control-column force characteristics, based on the independent
variables § , ., and §,, is

F =G '8.¢.a9)C, R, +C, R, + AC, R, 6.3.4k
¢ ‘max € ° “tab €tab Ctab -
free tocked gearing
where
G, is the maximum stick gearing available as defined by Equation 6.3.4-i. The
max value of G, ,, is finite for all tab systems with a finite boost link ratio.

However, for flying-tab systems where R, = 0, the value of G, is zero. To
avoid a problem when using Equation 6.3.4-k, the user should realize that the
R, and R, terms for flying-tab systems in Table 6.3.4-B contain the parameter
A_. The product of G¢ ., and A yields Gic,, ,, OF the maximum gearing of
the tab, which has a finite value. Thus, for flying-tab systems a finite value of
Gc,,ax is not possible; however, Equation 6.3.4-k is still applicable when
Gicpp, 44 15 used to replace the product of G¢, ,, and A,.
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q is the dynamic-pressure ratio. This value must be consistent with whatever
value is used to nondimensionalize the hinge-moment coefficients in
Equations 6.3.4-2, -m, and -n. If the hinge-moment coefficients are based on
wind-tunnel-test data, they are probably nondimensionalized with respect to
the free-stream dynamic-pressure ratio. If the Datcom is used to estimate the
hinge-moment coefficients, the local dynamic-pressure ratio should be used.
(Local dynamic-pressure ratio may be obtained from Section 4.4.1 for an
empennage panel.)

. B2 B2
C =|B, -D,— )6 +{B, - D, —Jax_+B,5 6.3.4-¢
hctab 1 1D2 c 3 3 D, s 4%t }
free
Ch = B;5 + BSas +B45tt 6.3.4-m
“tab
locked
ACh = ([3]32 -i*.BAcD1 +ﬁ2AcD2)8c +(ﬁArD3 )as 6.3.4-n

cgearing

The values for R, and R, are found from Table 6.3.4-B as a function of the specific type of tab
system. This table also summarizes values for the three key linkage parameters R , k, and § for each
specific type of tab system, using an “F”’ to denote finite values for the parameters.

The second equation for estimating the control-column force characteristics, based on the
independent variables C; , o, and §,,, is
s

F. =G S cq|C T, +C T, + &ACy T, : 6.3.40
¢ ‘max © ¢ hctab ! hc'cab cgearing
free locked
where

G is the maximum stick gearing available as defined by Equation 6.3.4-i. T.hc
‘max same comments made about G ,, for spring tab systems, when using
Equation 6.3.4-k, also apply to the application of Equation 6.3.4-0 (see

discussion following Equation 6.3.4-k).
qQ is the dynamic-pressure ratio as defined above for Equation 6.3.4k. (Consistent

with whatever value was used to nondimensionalize the hinge-mement
coefficients in Equations 6.3.4-p, -q, and 1.}
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TABLE 6.3.4-8

Specific Type Linkage
of System RL k g Rl H2
Geared Tab oo oc F* 0 1
Pure Direct Control v oo 0 0 1
‘ (RL+A ] —tquDzl(RL+Arl
Geared Spring Tab F F F
B2 k Bz k
R + — ——{R — 8} R, + - — (R -8
L L L
Ach qu L Ach qu
(RL+A ) —(quDZNRLi'A’)
Spring Tab F F D
Bz k B2 k
R + — - (R ) R+ ~ —IR ]
L L L [
ACIZ!2 qu A‘:D2 qu
(RL + Ar)
Plain Linked Tab F Q 0 0
B2
R +
AcDZ
a -—(k!q02) a
Geared Flying Tab 0 E F
B k B k
2 2
4 — —_— e
Ach qu Aclf}2 qu
A —(kn’chz)Ar
Spring Flying Tab 0 F a ———
B B
2 2
ACDZ AL‘D2
o
Pura Flying Tab 0 4] 0 0
BZ
Ach
*Denotes a finite value,
E2 EZ EZ
Chc = El - Fl"?"" C[‘s + E3 — F3F_ o + E4 - F‘F_ 5“ 634-p
tab 2 2 2
free
C, = E\C, +Ejo +E,5, 6.3.44
“tab
locked
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C2 F2 Ez CZ F2
AC = BlE,—+A —+-—+A ¢ F JC +8|E,——-BA C,—
hcgearing f 1C1 ‘¢ G A Ls s G PALs C,
E, c, F, E,
_C3-C—l-+ ¢‘1§§ACF3 a +f E4a-—ﬁAcC4 “(5'1“—C4El'+¢’3AcF4 by

6.3.4r

The values for T, and T,, along with values for the key linkage parameters, are found from
Table 6.3.4-C as a function of the specific type of tab system.

TABLE 6.3.4-C
Specific Type Linkage
of System RL k ] Tl T2
Geered Tab o o0 F* 0 ”%
Pure Direct Control oa o0 0 0 1
o . ; ; CRL+Ar) —(k!qFZNRL+Ar)
Gueared Spring Tab Ez . Ez "
tos—e e —— o, (R, —f) R, + —— — =g (R -~ f]
L g L L L
Ach sz A Ach sz B
Soring Tab . . o (HL+A'} —(quFZNRL+Arl
pring E, X E, k
R + — =R } R, + —— ———1(R)
L L [ L
AF, dF, AF, aF,
{Fll_ + Ar)
Plain Linked Tab F ] 4] ""'—"'""'E-“"" 0
2
R, +
L
Ach
4, —lk/aF,) A
i F F
Geared Flying Tab 0 Ez p Ez m
+ — o) —— + == ¢.(p)
8
Ach qF2 ] Ach sz
a, --(qule A,
Spring Flying Tab o | F 0 RSOV S,
E E
2 2
Ach Ac 2
Af
Pure Flying Tab 4] 0 0 ——————— 0
- E
2
Ach

*Denotes a finite value,

6.3.4-17



Tab Lift Loss

In achieving large control-column force reductions, tabs generate loads opposite to those on the
main control surface. Thus, the net lift or efficiency of the main control surface is reduced by some
amount. A typical value for loss in lift efficiency for a transport-type aircraft is 15%. The majority
of the lift losses range from S to 20%. The maximum loss will occur for the pure flying-tab system.
The efficiency of a control surface employing a tab may be expressed as

AC (lift loss due to tab)

tc

L
6.3.4-s

=1
" AC, (lift increment due to

©  control surface)

This can also be expressed as

aoC

L 96 \é

n = 1+( CXa : ) - 6.3.4+
aatc CL ac

[+

tor most cases, the critical case occurs when the trim tab angle and the angle of attack are zero,
allowing 8, /6 _ to be expressed as

k k
6 By *RLAD +—BA R, __Acﬁz
- q q
= X x 6.3.4-u
5 B, +R A_D, "'&"AcRL +E—ACB

Thus, the efficiency of a tab system can be evaluated by using Equation 6.3.4-t where
Equation 6.3.4-u is used for the relationship of &, /5.

Design Criteria

The design of tab boost systems can be a complex iterative process involving many variables, The
mechanical timitations vary for various aircraft designs. However, Table 6.3.4-D (from Reference 1)
presents a summary of the practical design criteria that will apply to most systems.
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TABLE 6.2.4D
SUGGESTED DESIGN CRITERIA

FOR AERODYNAMIC BOOSYT SYSTEMS

Parameter Maximum Range of Values Design Limitations
Link Ratio RL Q,.1t0 10, = Mechanical-Linkage Design
Spring Rate k Any Minimum Value Depends on Preload
E)Chc acnc
Gear Ratio 8 Oto— [.002+ ” ” Nonlinearity and Overbalance
< tc

Spring Preload

Min. Value: As required to overcome tab system friction

Max, Value: No mare than required to obtain desired
force level

Good Tab Centering

Minimize Variation of Elevator
Control Forces with Speed

Tab Size Minimum: To control main surface to maximum Adequate Tab Power
deflection
Maximum: To give Qverbalance with Free Tab
ach BCh
c c
= 05
asc aBtc
acnc
= B1 _81 > 0.002 Overbalance and Nonlinearity
a6
c

The following sample problem illustrates the use of the control-column force equations as applied
to a given elevator spring-tab control system. No attempt is made herein to present a numerica!
example of the design of a tab boost system.

Sample Problem

Given: An elevator spring-tab control system on a transport-type aircraft.

ELEVATOR
— HINGE LINE
ELEVATOR
TRIM TABS
CONTROL
TAB

HORIZONTAL TAIL
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Horizontal Tail Characteristics:

S.c, G, = 162.0ft?
max
oy = 2.5° 8, = —3.0° 6, = 10°.
3C,_ ac,
B, = = —0.0040 = = _
1 3. per deg B, 3. 0.0046 per deg
aCy oC,
] e
B, = = ~-0.0017 d B, = = —0.0044 d
3 aaH per deg : a5, 0 per deg
8, = 159, -30° q = 150 Ib/ft? (sea level)
max
Tab Characteristics:
R, = 4.l k = 0.244 Ib/ft? —deg g=0 5, = 20°
max
StcEtc achtc
A, =——= 0.0169 D, = = --0.0025 per deg
S.C. a5,
oC aC
By e
D, = = —0.0085 per deg D, = = --0.0014 per deg
95, . ooy

Compute the control-column force required to deflect the elevator 10° TED at a free-stream
dynamic pressure of 150 1b/fi2.

Determine the values of R, and R, for a spring-tab system

R, +4,
R, = (Table 6.3.4-B)
R, + i k R
L AD, aD, *
4.1+ 20.0
R, = ‘ 15.0
! a1+ —0.0046 (0.244) (4.1)
" (0.0169) (—0.0085) 150.0 (-0.0085)
- 2433 = 0.1472
36.907
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(R +4,)
R bt kK_R (Table 6.3.4-B)
, = = — 1 able 6.3.4-
B, k aD,
RL + RL
A.D, qD,

- ~{0.244) ©0.1472)
(150.0) (—0.0085)

= 0.02817

Determine the tab-free hinge-moment coefficient

B, B,
Chetab BN D, b *\Bs Dy D, H+B,8,, (Equation 6.3.4-2)
free

—0.0046 0.
= |-0.0040 + 0.0025 (__.,__) 10 + [mo.oon + 0.0014(—-——-————-0 00% Yo
-0.0085 T 0.0085

+ (—0.0044) (-3.0)

= -0.01563

Determine the locked-tab hinge-moment coefficient

Chet ) = B, 5, +Bya, +B, 5, {Equation 6.3.4-m)
locked
= (—0.0040) 10 + (-0.0017) 2.5 + (—0.0044) (-3.0)
= —0.03105
Solution:
F, =G, $35a[C, R +C, R, +4C, R2] (Equation 6.3.4k)

tab tab tab
free locked gearing

_F, =(162.0) (150) [(-0.01563) (0.1472) + (—0.03105) (0.02817) + 0}

= (162.0) (150} (—0.003175)
= -77.16 b

Therefore, for the given tab system, a push force of 77.16 Ib is required to achieve an elevator
deflection of 10° at a free-stream dynamic pressure of 150 Ib/ft2 .
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